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The report consists of three volumes, the first two of which are
classified SECRET. Volume I, the Executive Summary, contains the major
highlights of the design study. Volume II, the Final Report, contains
mission analysis, costing, and a description of the vehicle and
launcher. Volume III, the Unclassified Appendices, has the detailed
design and iterative decisions associated with the airframe, flight
control, propulsion, electrical power, navigation, and launcher.

Normaily whenever reference is made to an appendix, it will be
found in the same volume. When the referenced appendix is in a volume
other than the one giving the reference, the volume number will also
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APPENDIX A

Airframe

Introduction

The objectives of the airframe subsystem design effort are to define
an airframe that can be used as a basis of comparison in the areas of
cost, performance, handling, and technology and to provide representa-

tive data and parameter estimates to the other subsystem design efforts.

This is motivated by the need to have what is considered a representa-

tive analysis of the capabilities, vulnerabilities, and problems involved
with an aircraft of this class. This type of analysis is necessary for
the definition of other subsystems, mission sensitivities, and concept
practicality.

The actual effort put into generating an analysis of this type could
be expanded into a fully funded program, complete with basic research and
development. This approach would overlap the effort of Air Force Flight
Dynamics Laboratory (AFFDL) and the Remotely Piloted Vehicle Program
Office (RPV SP0O), and is considerably beyond the capabilities of this
group in the allotted time. The most useful alternative is considered
to be an independent analysis of the problem using the same general re-
quirements and limitations as the RPV SPO program. In this way, simul-
taneous and relatively independent solutions and recommendations can be
developed.

Using the preceding argument, the actual scope of the effort is
defined in the following way. Initially, a range of reasonable con-
figurations of various components is surveyed to serve as guideline and

source. Materials and manufacturing techniques that seem reasonably




| common and applicable are discussed in order to.point out any obvious
pitfalls or solutions. The intended ground handling, packaging, and

] assembly methods are studied and combined with the materials and manu-

facturing considerations to illuminate one best candidate from the con-

figurations considered. The estimated performance of this class of

vehicle is then calculated and combined with an assessment of the simp-

lest practical structural arrangement such that the maximum commonality

1 between Type I (attack) and Type II (decoy) airframes might be realized.

Engineering judgment, experience, and expert opinion are used to select
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the lowest cost approaches and to minimize complexity. The actual cost

estimation is done by the cost estimation group, but it is included in

this appendix.

In order to simplify and aid analysis, the following general assump-
tions are made. The design should be conventional and simple with emphasis
on low-cost and hands-off operation. The layout of components and aero-
dynamics should be favorable to hands-off, no-autopilot considerations.

The major parameters, supplied by the mission analysis group, are as

follows:
N Gross Weight 130 1bs maximum
1 Mission time 6 hours maximum (no recovery)
2 Payload 25 1bs, 7x7x11 inches
i “t Assembly One unskilled soldier
3 Launch 50 mph
|

é, The general approach of the design effort begins by considering the
: applicable configurations and technology encountered in the initial sur-
vey. Consideration is then given to special environments and require~
i, : ments anticipated in the design development. A preliminary layout is

established and used in a preliminary performance estimate. Incoming




information and data from other subsystems are incorporated into the

estimates and multiple iterations made. Using the resulting layout,

performance, packaging, handling, weight, and materials proposals, an

appropriate structure is designed. All of the above information is com-

bined in a final set of iterations to establish a reasonable estimate of

TN layout and performance. The problems, unknowns, and questions generated

; are then considered and recommendations made.

The overall effort is consolidated into six major headings and pre-

sented in this appendix as follows: survey, layout, structure, perform-

ance, cost, and conclusions.
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Surve

A general survey was conducted in order to gain familiarity with

; ' available options, screen the various configurations, and develop a feel
for the questions that need to be asked. As a result, various requirements

are generated and applied.

First, the candidates must be as conventional as practical in con-

figuration and technology. A major consideration is cost, and low cost

% necessitates the adoption of a low-risk approach to the technology.' It

f would be of little value to this design problem to put all effort and

foundation on a new and promising design if the risk of unsuccessful de-

velopment was unreasonably high. Conventional aircraft layouts lend
themselves to textbook and handbook analysis and visual verification,and
properties of value in this type of approach.

Another requirement is to assure that the structural components
i and assembly can be manufactured easily. The emphasis is on minimiz-
ing hand operations, machining, and assembly time. Configurations that
violate this rule are considered only if they strongly offset some dis-
advantage of another system.

The packaging requirements for storage and shipping to the launch

. . site are significant. The vehicle package should be such that its bulk

nf | or shape lends itself to ease of shelf storage, hauling on an M-35/36

] truck, and handling by two men. All components of one vehicle, except

£ fuel, should be stored and shipped in one package.

= T Eo T e

At the launch site, the vehicle configuration should be compatible

with a two-man launch crew. That is, one man should be able to uncrate

_;'*' and assemble the airframe, add fuel, and check the avionics. Both men

} } should be able to mount the vehicle on the launcher, start the engine,
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and launch. The above operations should be able to be accomplished
quickly in unprepared areas by unskilled personnel.

Part of the payload is assumed to be a sensor which has look
angles sensitive forward and down. This necessitates strong consideration
of structural interference with the sensor. The obvious solution is to
keep all metallic structure behind the payload, if possible, using only a
non-metallic shroud to streamline the nose.

It is assumed that the vehicle will not be guided by an active remote
operator, i.e., hands-off. The extension of this approach eliminates
the need for a costly autopilot, and uses only heading and altitude sen-
sors combined with rudder and elevator control for the Type IU vehicle.
The Type L vehicle has no such cost constraint, but the common air-
frame should conform to the ho-autopilot approach if practical.

The aircraft should meet the anticipated requirements of mission
time, payload, and mission profile. Any of these parameters are con-
sidered flexible in the presence of a favorable tradeoff.

The Type I and Type II airframes should be as similar as possible.
There are two reasons for this, active decoy role and manufacturing cost.
The two vehicles should fly, look, and reflect as similarly as possible,
in order to satisfy the decoy role. Manufacturing cost dictates that
all structural sub-assemﬁiies (wings, fuselage, engine, and empennage)
be identical, if possible, with the obvious exception of easily-deleted
servos in the Type II or generator in the Type I. The only difference
should be in the payload and avionics, and they should be easily changed

at the storage site.

A-5




Although radar and optical visibility should be identical between
the two vehicle types, no consideration is given to the actual level of
visibility of the aircraft other than to note that low-visibility paint
can be used. Justification or neglecting this consideration is given in
the mission analysis, Chapter IV, Volume II.

Since both airframes are similar in layout, both must be capable
of handling the maneuverability considerations of the attack role in the
following ways. All control surfaces necessary to the Type I vehicle
should be present on the Type II, but they may be pinned or fixed if
not ugsed. The Type I structural requirements are more severe than for
the Type II, so the airframe is stressed for the attack role. The Type I
also carries more equipment, necessitating ballast (or substitute payload)
in the Type II.

The aircraft operates in an unusual Reynolds Number (Re) regime, lower
than light aircraft, but higher than model aircraft. This results in the
problem of relating actual performance of airfoils to published higher-
Re data.

The configurations investigated are those that are commonly recog-
nized, if not commonly used: They can be divided into six general cate-
gories: engine placement, fuselage layout, wing planform, airfoils,
empennage, and roll control surfaces.

Enging placement is based on two overriding considerations, com-
plexity and payload interference, with thought given to hands-off flying.

Only single-engine configurations are considered because of their lower




complexity and cost. The tractor engine is ruled out because of obvious

payload interference. The resulting solution is a single-engine pusher
layout with the thrust line through the center of gravity (CG). The
centerline-thrust configuration is used to preclude pitching moment (Cm)
changes with changes in the power setting. Hands-off, no-autopilot
dynamics make the Cp changes very undesirable, and the first flight of
the non-centerline thrust Teleplane XBQM-106 pointed out the presence
of this pitching moment characteristic (Hoy, 1975).

The fuselage layout involves three major considerations; payload
placement, fuel tank locationm, and overall size. The payload is placed
in the nose as the most reasonable location; because no structure other
than the support bulkhead, at the rear of the payload, interferes with
the sensor. Simplicity dictates that the fuel tank be located in the
fuselage, and the no-autopilot consideration specifies that the fuel CG
be as close as possible to the aircraft CG to preclude stability changes
as fuel is burned. Drag minimization dictates that the fuselage cross-
section be as small as possible. Therefore, all components are layed
out longitudinally, so that the fuselage covers the payload, avionics,
fuel, and engine in as smooth a profile as possible. The result is a
long and narrow, rather than stubby, profile. Balance is served if pay-
load and engine are placed at the ends, with fuel and avionics shifted
to balance as necessary.

The wing planform and layout choices are legion. The most obvious
candidates are the high and low monoplane layouts. They are conventional,
simple, well behaved, and wel’ documentcl. A good alternative is the
canard, not as widely used or commonly documented; but it offers an

improvement in loiter capability for the same-weight aircraft. The
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other common alternatives to the monoplane and canard are the biplane
and boxwing. Both offer unique advantages in the realm of wingspan and
efficiency, but both involve a higher complexity than the other alterna-
tives. Another, uncommon configuration is the flying-wing which offers
interesting manufacturing and ground-handling advantages, but it suffers
from high-risk stability and control characteristics in an unpiloted
situation. Wing sweep is considered unnecessary in this low-speed
regime, and it requires a more complex wing structure than a zero or
small-sweep wing. The delta wing is likewise discounted for its low-
speed drag characteristics. Taper and twist offer substantial lift

and drag advantages over straight wings, but they cannot be made by
extrusion. The value of molding and extruding are considered as a
tradeoff with performance requirements in the structures discussion.

The number of airfoils available to the aircraft designer are
considerable. Therefore, it is thought most reasonable to use the
advice of engineers familiar with the problem. The most promising air-
foils are condensed into a list of five: NACA 230XX, NACA 25XX, NASA
65XX (Larsen, 1975a), GAW-1 and GAW-2 (Hoy and Early, 1975). Exotic
high-1ift sailplane wing sections are considered, but they do not appear
to satisfy the maneuverability requirements of the attack role (Early,
1975). The NACA sections are well-known and have been used on many
light aircraft. The GAW sections are recent developments and are being
used on the initial flight version of the Teleplane XBQM—lQ6. Unfor-
tunately, the GAW sections are quite thin, and they do not]seem to be
performing as expected in this low-Re regime (Hoy and Early, 1975). The
NACA 230XX has a good lift characteristic (Clmax) and a very small pitch-

ing moment (Cp), but it looses performance in low-Re regions. The
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NACA 65XX was originally considered for the AFIT Canard MRPRV (Rodenroth,
1975:9), but the most promising'airfoil for this Re is considered to be
the HACA 25XX which has a good €y .. and a low Gy (Larsen, 1975a). It has
a good, bulky cross-section with no exotic curves and seems well suited
to ease of manufacture using a large wing spar. The curves for the NACA
25XX are shown in Appendix A-1.

Based on the indication that a single-engine pusher is desirable,
various tail configurations are evident. For a monoplane, the empennage
is supported by either one boom extending aft from the belly or two booms
extending aft from the wings. A canard version can use a vertical tail
mounted either above the rear-mounted engine or mounted as winglets on
swept wings. The question of mounting empennage in the propwash is
addressed in the stability and control discussion, Appendix B. The
single-boom version easily places the surfaces in the free stream if
desirable. The alternatives of elevator or stabilator (full-flying
horizontal tail) are discussed and analyzed in Appendix B.

The two major types of roll-control surfaces, ailerons and spoilers,
are considered since both have distinct advantages in this design. The
spoilers are seen as a cheap and easy way to gain roll control without
sacrificing wing structure integrity and by eliminating the mounting
operation necessary for hinged ailerons. Spoilers also tend to induce
favorable roll-yaw coupling, but they require a great deal of authority
(deflection) and are plagued by boundary-layer deadband (Larsen,1975a).
Allerons are highly conventional devices that assure well modelled
dynamics. The added complexity of assembly can be overcome in an un-

manned, lightweight aircraft of this type if some ingenuity is applied.




All of the preceding configurations are considered in the context of
the requirements and considerations mentioned earlier. As a result, three
major layouts seem to be the most promising.

The most conventional candidate is the single-boom pusher which has

been flown as the Teleplane XBQM-106 (see Figure A-1). This layout has

flown well and should be easy to assemble in a production version, but
it is not packaged as small as the other versions. Unfortunately, this
layout is not easily adapted to the centerline-thrust philosophy, and
requires stability augmentation for both vehicle types.

Another very promising candidate is the canard, single-engine pusher
seen in Figure A-2. This vehicle should have good loiter capability and
be easily assembled, but it requires active control. There is also dif-
ficulty in arranging the layout to minimize sweep and winglet area, both
of which are packaging and structural problems. The canard layouts de-
veloped contained at least one of the following unsatisfactory traits:
long fuselage (packaging), large empennage area (weight), or an engine-to-
propeller driveshaft (cost).

Since the single~boom pusher is already flying and the canard has
basic layout difficulties, it was decided to concentrate the design ef-
fort on the twin—bo;m, single-engine, centerline-thrust pusher. Figure
A-3 shows the final selected configuration. This arrangement seems like
an interesting approach to the problem since it combines a short fuselage

and conventionality with the problem of more complex nssembly.
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3 Figure A-1. XBQM-106 (Hoy, 1975)
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Figure A-2. Canard Candidate
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Figure A-3. Twin-Boom Pusher Candidate
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Layout

A preliminary version of the anticipated layout is generated to
provide a basis for the design and selection efforts involved in the
other subsystems. At the same time, it satisfies the need for a start-
ing point for estimating the parameters of the aircraft itself and pro-
vides the necessary genesis for the prediction of promising materials,
manufacturing techniques, and ground handling methods.

Preliminary Planform. Probably the most realistic starting place

is the selection of a wing planform. The original wing structure is in-
tende& as a cast polyurethane foam molded around an aluminum tubular
skeleton. Materials are discussed in the structures section, but the idea
here is to incorporate the most promising material and process to assure
simplicity and low cost from the very beginning. Using the idea of molded
wing sections, the straight wing is abandoned since molding a twisted,
tapered, and swept wing involves about the same cost as molding a stréight
wing (Morrissey, 1975). The planform selection will be developed in the
following order: airfoil selection, sweep, spar placement, taper, aspect
ratio, twist, area, dimensions, and dihedral.

As previously discussed, the most promising airfoil seems to be the
NACA 25XX. In discussions with Major Hoy and Professor Larsen, the var-
ious aspects of wing thickness and Re effects were probed As a result,
the most reasonable approach is to use a thicker section at the tip than
at the root. This allows the wing to carry a relatively large, say 27inch
diameter, wing spar without the necessity of tapering the spar cross-
section or sacrificing the planform taper. The selected sections are:

Roof, NACA 2515; Tip, NACA 2518. Using a taper ratic of 0.5 discussed
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later, the wing thickness can easily carry a 2-inch diameter spar if
necessary (see Table A-1).

The question of sweep is briefly mentioned in the survey, but the
problems of spar placement and static margin need to be addressed here.
Using the philosophy of minimum manufacturing cost, the most reasonable
task is to place one straight, tubular spar through the center of the
wing along the half-chord. This consideration blends well with the
quest for a reasonable static margin. That is, as the wing is swept
aft, the static margin is reduced. Having the half-chord unswept allows
the aerodynamic center (AC) to remain forward as well as allowing the wing
spar to be unbent. The consideration of structural torque due to wing
spar placement is significant, and it is addressed in the structures
section. Note, also, that launch speed is critical. This fact dictates
that the line of ACs (quarter-chord) be swept as little as possible to
minimize wing area. The result, then, is that the wing half-chord is

unswept with the straight, tubular wing spar running down the half-chord

(see Figure A-4). The most significant considerations with taper are

structure and drag. Wing area and weight at the tips can be reduced with
taper, thus reducing bending moment at the root; but excess taper forces
the root chord (cy) into an unmanageable size or reduces tip thickness.
The taper ratio may be adjusted in trapezoidal planforms in order to

approach the idealized elliptical planform as seen in Figure A-5.
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Figure A-4. Preliminary Planform

Wing taper is the ratio of tip chord to root chord.

A= (A-1)
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Figure A-5. Taper Ratio Drag Effect (Corning,1953:3.3)
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; , The intent is to reduce induced drag, which is defined by the following

relation (Corning, 1953:5.12),

2

CL
Cpy = 73g (1+¢) (A-2)
CDi = induced drag coefficient
CL = lift coefficient
]
i AR = aspect ratio

¢ = taper correction factor, from Figure A-5

Thus, induced drag is reduced by the selection of a taper ratio between

0.3 and 0.6 which keeps ¢ below 0.01. Since the actual value of ¢ is
rather insensitive to A in this bracket, 0.5 seems like a good compromise,

| insuring small ¢ and reasonably thick wing tips. The resulting taper

and tip thicknesses are shown in Table A-1l. Note that Figure A-5 is

presented for an aspect ratio of 6, where

o i ; - 5 (A—3)
-f X ‘i Thus, aspect ratio becomes another design parameter of importance.

Large AR reduces Cp; and thus increases endurance, but it also requires
that wing span (b) and spar cross-section and weight be increased. The
3 ] g actual selection should be based on some objective tradeoff. Therefore,
: a measure of endurance, drag, and fuel requirements must be tradad
against reasonable aspect ratios, say between 5 and 8, with a 'target

of 5 or 6, if practical. To accomplish this in a visual presentation,

a plotting program, CDVSAR (Appendix A-2-1), is used. The basis of

the program is the general maximum endurance equation (Perkins, 1949:188),
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E = 37.9 el El-)- -% -W_l— -1 (A-4)

endurance (hrs)

where fuel load

propeller efficiency

specific fuel consumption (1b/Bhp-hr)
drag coefficient

altitude density ratio

wing area (ftz)

beginning weight (1lbs)

ending weight (lbs)
(Wg) is .

Wg = Wg - W1 (A-5)

and drag coefficient (Cp) is calculated as

Using Eq (A-2),

Cp = CDpe + CDi (A-6)

values for the important parameters, Cp, CL/CD, and

CLl'S/CD are found and evaluated as a function of Cy, and AR. The re-

sults are shown

are:

in Appendices A-2-2 and A-2-3. The input parameters

0.0 < C, < 1.5 (Appendix A-1)

Cdpe = 0.03 (Early, 1975)
5< AR < 8
¢ = 0.01 (Table A-1)

For example, using C;, = 0.6 and AR = 6, Eqs (A-2) and (A-6) give
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2
. (0.06)
Cp = 0.03 + —=rei— (1 + 0.01)

0.049

0.06
CL/Cp = 57049

= 12.1

(0.06)1*3

1.5
CL "7/ = 3049

= 9.4

The plots in Appendix A-2-3 show that CLl'S/CD tends to decrease

quickly below AR = 6, but it does not gain much above 6. In order to

keep the wingspan and structural requirements within reason, an aspect
ratio of 6 is used.
Twist (e), or washout angle, is not considered quantitatively in
the initial estimate other than to say it lies near Rodenroth's figure
of 3 degrees (Rodenroth, 1975:11). The actual washout angle is calculated
later as the planform is finalized. The other critical parameter in-
i volved with twist is the wing Cpp. - This is calculated again later
as parameters are finalized, but it is estimated at about 1.3 as indi-

cative of this size aircraft from the estimate of the AFIT Canard MRPRV

(Rodenroth, 1975:11).

1 Now that the planform of the wing is clear, the next major consid-
{. ‘ eration is wing area. For a given wing planform, larger area reduces

launch speed, increases loiter time, and adds to package size and

vehicle weight. Therefore, the intent is to minimize wing area while
assuming minimum launcher impact and fuel load. The equation used is

that which calculates the wing area necessary to carry a given weight




§

at a given airspeed and altitude in straight and level flight (Corning,

1953:2-4) using acceleration and excess horsepower to provide climb.

391 W
S = E———% (a-7)
Lmaxov

where S = minimum required wing area (ftz)

=
"

launch weight = 130 1b
= 1.3 from above
v = launch airspeed = 50 mph

o = density ratio = 0.94 at 3000 ft MSL

The initial estimate is based on a 130-pound gross-weight vehicle,
which is a conservative upper-limit. The mission analysis (Chapter II)
estimates that the maximum expected altitude of launch operations would
be about 3000 feet MSL. Therefore, the preliminary wing area estimate

is

5 (391) (130)
(1-3) (0.94) (50)2

16.64 ft2

This is rounded-off to 17 square feet for preliminary purposes (see
Table A-1).
Wing planform dimensions are found using the following common re-

lationships.

wingspan, b = [S(AR)]I/2
= 117¢6)1%/2 (A-8)

= 10.1 £t
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c.tc
h = AR Glé_i)

2 AR ¢, (140 (A-9)

2b

80 Cr T AR(1+N)

(A-10)
_ 2(10.1)
6(1+0.5)

2.24 ft

26.88 in

Ct iy ACr

0.5(2.24)
(A-11)
1.12 ft

13.44 in

The tip and root thicknesses are expressed as a percentage of
chord derived from the last two digits of the NACA number, i.e., NACA

2515 means the maximum thickness is 15% of the chord length.

t, = 0.15 ¢y (A-12)

0.15 (2.24)

Q.336 ft

4.03 in

te = 0.18 c¢ (A-13)

0.18 (1.12)

0.202 ft

2.42 in

The lergth and location of the mean aerodynamic chord (MAC) are

expressed as follows (Corning, 1953:3.3).
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c
(cptee)- l ;}E{', (A-14)

win

mac *

et Seee e

(2.44+1.12) - 220 A.12)

2.24+1.12

wiN

= 1.783 ft

! = 21.39 in

- %{%}Ef_z_ci (A-15)

Ymac crtee

10.1 1 2.24+2(1.12)
=72 {3}

2.24+1.12

2.194 ft

26.33 in

Dihedral (I') is a parameter that is not easily quantified for this
i vehicle. Therefore, a value of 5 degrees is selected as representative
for this anticipated type of hands-off flying. This number is selected
as representative of many light aircraft now flying as well as suitable
{ for maneuverability in the attack vehicle (Larsen,1975a).

The wing sweep (A) of the line of AC's is calculated geometrically

j from

. a1 (ereee )
"51. : _1
¥ 3 = tan ‘l 52.24-1.12)

‘ . 4 10.1

F = 3.17 deg




All of the above parameters are summarized in the following table
of preliminary planform parameters and are intended for initial guid-
ance and control calculations as well as for initial performance calcula-

tions. The planform is as presented in Figure A-4.

TABLE A-1. PRELIMINARY PLANFORM PARAMETERS

wingspan b = 10.1 ft
aspect ratio AR = 6
wing area s =17 ft2
sweep A = 3.17 deg
dihedral T = 5 deg
twist € = -3 deg
mean aerodynamic

chord e 21.39 in

ac

MAC spanwise

position Ymac = 26.33 in
root chord cr = 26.88 in
root thickness tr = 4.03 in
tip chord ce = 13.44 in
tip thickness tg = 2.42 in

maximum 1lift
coefficient CLmax = 1.3

Preliminary Engine Layout. For the initial layout, the recommenda-

tion was to use the McCulloch 101B engine (see Appendix C). The engine

-~ ig included in the layout without the stock shroud, magneto, or start-

ing pulley. Orientation of the engine is arbitrary about the drive
shaft axis, i.e., it can be mounted inverted, if necessary. Thus,
changes in CG or thrustline are incorporated by rotating and/or érans-
lating the engine position.

The preliminary layout places the engine in a conventional, up-

right attitude with the drive shaft on the CG axis pointing aft with

A-21




the propeller mounted directly on the shaft without a spacer. The
engine is mounted on a standard wire-loop vibration mount -<iached to
the engine bulkhead just forward. The alternator is mounted on the
forward face of the bulkhead and is attached to the starter pulley
shaft vua a flexible, clamped-tube coupling. When tatteries are used
(Type II), the alternator is not present, and the battery pack is
located in the avionics bay (see Figure A-6).

The fuel is routed from the fual tank through an end-weighted
flexible tube. The weighted end is used to follow the motion of the
fuel in the tank regardless of véhicle motion. The tube is attached
to a standard fitting in the engine bulkhead, and another tube is then
routed to the carburetor which is controlled by a servo link attached
to the bulkhead. The initial propeller considered is 26 inches in
diameter, and the initial thrust line is along the fuselage centerline.

Preliminary Fuselage Layout. The initial fuselage cross-section

is somewhat oval, just large enough to enclose a 7 by 7 inch payload,
fuel tank, avionics, and engine. Rodenroth's (1975:20) algorithm for
generating fuselage cross-sectional shapes is used to find a section
that encloses the above components while allowing adequate clearance
for structure. The algorithm is presented in Appendix A-4-1 and the
cross-éection plot in Appendix A-4-2., It is based on the adjustment of

parameters in Eq (A-17) to find a smooth, bulky shape.

I
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A and B are semi-axes

p is a measure of severity of corner curve

For this fuselage, A = B = 5 inches and p = 2.67.

The payload is mounted on the forward face of the payload bulk-
head and consists of a 7 by 7 inch box. The avionics are mounted on
the aft face of the payload buokhead in the 6 by 6 by 7 inch avionics
bay. The fuel tank is centered in the fuselage below the aircraft CG
in a 7 by 7 inch cross-section cavity. The fuel cavity length is
adjusted to fuel requirements and is 22 inches long in the preliminary
layout. The altemator is located in a 6 by 6 by 7 inch cavity on the
forward face of the engine bulkhead, with the engine mounted on the
aft face. A small cooling-air scoop is located on the ventral cowling
with a carburetor air intake on one side. The carry-through spar is
mounted to the dorsal longitudinal stringers running just above the
fuel cavity. All of the cavities mentioned are integrally-molded,
having the same skinning properties as the external surface (see the
materials discussion). These components are clearly seen in Figure
A-6, the final layout.

Preliminary Empennage Layout. The horizontal tail is initially

located between the booms and is configured as a conventional stabilizer-

elevator. The initial sizing is done by visual comparison with the
Teleplane Eagle, a somewhat larger RPV with a similar layout. The
airfoil selected is the standard, commonly-used NACA 0009 symmetrical

section, with rectangular planform: span 36 inches, chord 16 inches,

and area 4 square feet (see Table A-2).
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For launcher clearance, the vertical tails are moved on top of
the booms. They have conventional stabilizer-rudder layouts with the
dimensions noted in Table A-2. The total vertical tail area is 2.9
square feet. Both of the rudders and the elevator use one servo each,
secured into a cavity in the stabilizers. The control surface hinges
are extruded flexible plastic bonded to the skins.

The booms are estimated to be 2-inch-diameter aluminum tubes at-
tached to the wings and are spaced about 36 inches apart, clearing the
propeller by 4 inches on either side. The length of each boom is
about 60 inches in order to generate a reasonzble tail length. This
dimension is rcadily changed for stability and control purposes, but

it is limited due to packaging comstraints.

TABLE A-2. PRELIMINARY EMPENNAGE PARAMETERS

Horizontal Tail Section NACA 0009
Area Spt = 4 fe2
Span bpe = 36 in
Chord Cht = 16 in
Tail Length 1¢ = 60 in
Thickness tht = 1.44 in

Vertical Tail Section NACA 0009
Area (each) Syt = 1.46 ft2
Height byg = 15 in
Root Chord Cytr = 16 in
Tip Chord Cytt = 12 in
Mean Aerodynamic Chord Cpac = 14.1 in
Root Thickness tyer = 1.44 in
Tip Thickness tyee = 1.08 in
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Preliminary Weight and Balance. The initial estimates of com~

ponent weights are listed in Table A-3. Component weights such as
wings, fuselage, and tail correspond to the estimates of the Teleplane
XBQM-106 (Early, 1975). Engine and propeller weights are from Appendix
C. Alternator and avionics weights are from Appendices D and E, re-
spectively. The coordinate system is a standard X-Y-Z aircraft layout
with origin at the nose (X, forward; Y, right; Z, down). X-axis location
estimates are taken from the preliminary layout with the fuel location

adjusted by trial and error. The fuel weight is a preliminary estimate

from the performance section.

TABLE A-3. PRELIMINARY WEIGHT AND BALANCE

X-axis CG

Component Weight (1bs) location (in)
Shroud 1 7
Payload 25 9.5
Bulkhead 1 15
Avionics 10 ‘ 20
Wings 18 41
Fuselage 9 38
Alternator ‘ 6 53
Bulkhead 1 56
Engine and Prop 15 , 60
Booms 3 64

Tail 4 100
Bulkhead 1 48

Fuel 26 37

TOTAL AIRCRAFT 120
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In order to easily shift component locations, weights, and sizes,

it is necessary to generate a weight-and-balance design tool. The

Teleplane computer program, TEST (Hoy, 1975), is modified to account

for fuel consumption, plots the X and Z shifts as a function of fuel

weight (see Appendix A-5), and is called WINBAL.

All of the above parameters and configurations are used in multi-

ple iterations of the airframe parameters as well as a basis for de-

cisions handled by other subsystems, launcher and flight control for

example. Many changes are proposed and incorporated into the over-

all integration of the airframe, mission, and subsystems. Some of

the more significant are noted below.

The horizontal tail is moved to the top of the vertical tail.

This is done to minimize impingement of the propwash on the control

surface and the resulting variation of dynamic pressure and control

moment. The horizontal tail is also made into a full-flying stabil-

ator to assure adequate control moment. The wingspan is moved forward

along the line of AC's (the quarter-chord) to reduce intermal torque

due to wing moment. The boom-attachment sleeves and control surface

hinges are also modified as discussed in the structures section.

These, plus changes in fuel requirements, avionics weight, structural

components, engine performance estimates, and othar parameters result

in a new, more realistic set of estimates for the actual vehicle

layout. The above items are discussed later and incorporated into

the final layout, Figure A-6 below.

Final Weight and Balance. The computer program WINBAL (Appendix

A-5) is used in conjunction with the following final weight estimates
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Dorsal Stringer — Avionics Bay
— Payload
Shroud

Figure A-6. 1Inboard Profile
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in order to assure proper load distribution. The final component

locations are listed in Appendix A-5-4 and shown in Figure A-7. The

CG shift due to fuel consumption is shown in Appendix A-5-5 and in
Figure A-8. The final weight estimate of each component is listed

in Table A-4 and is clarified in the discussion that follows.

TABLE A-4. FINAL WEIGHT AND BALANCE

X-axis CG Z-axis
Component Weight (1bs) Location (in.) Location (in.)

Fuel 21.5 30.6 0.0
Payload 25.0 9.5 0.0
Fuselage 11.8 33.0 0.0
Wings 26.0 33.0 6.5
Horizontal Tail 3.75 92.0 23.0
Vertical Tails 2.4 92.0 12.0
Alieron Servos 0.4 33.0 6.0
Rudder Servos 0.4 93.0 8.0
Elevator Servo 0.2 93.0 20.0
Engine Servo 0.2 43.0 0.0
Shroud 1.4 5.0 0.0
Avionics 6.5 17.0 0.0
Propeller 2.0 50.0 0.0
Engine 12.0 46.0 0.0
Alternator 6.0 42.0 2.5
Booms 3.9 60.0 6.5
Payload Bulkhead 1.0 15.0 0.0
Engine Bulkhead 1.0 43.0 0.0

TOTAL VEHICLE 125.5 32.7 2,5

Fuel weight is calculated in the performance section and is a very
flexible figure. It is positioned as close to the aircraft CG as

practical based on the structural definition made just prior to the
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Figure A-7. Component Weight Locations
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final performance estimate. Although aircraft CG shifts somewhat as
fuel is burned, the actual longitudinal travel is insignificant, about
0.4 inch (Appendix A-5-5).

Payload weight and location are unchanged from the preliminary,
since no alterations were input from the RPV SPO. The fuselage weight
is based on structural requirements, the use of aluminum stringers and
polyurethane foam filler, which are discussed in the structures section.
Wing sections, empennage, and booms are also discussed in the structures
section.

The bulkhead at the rear of the fuel cavity is deleted, and the
estimated weight of the shroud is increased. The avionics weight is
reduced to 6.5 pounds, based on design group estimates. The remaining
components: engine, propeller, alternator, and servos remain unchanged

from the preliminary estimates.

Final Layout Estimate. Based on the preceding discussion combined

with structures, performance, and flight-control inputs, the final lay-
out, planform, and internal profile are generated. The most significant
item used by the structures analysis and the-flight control analysis
(Appendix B) is the wing planform. As mentioned in the prelimizary
discussion, the planform is based on consideration of launch speed,
gross weight, CLmax’ taper, twist, airfoil selection, and sweep.

The discussion of the preliminary planform holds for the shape
parameters: taper, sweep, and airfoils. The items that are modified
are wing area, span, twist, and CLmax'

Cimax and twist are closely related in any defined planform having

known tapef: sweep, airfoil, and Reynolds number. CLmax of the wing
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Hiéé:géion, the planform is based on consideration of launch speed,

final performance estimdte. Although aircraft CG shifts somewhat as
fuel is burned, the actual longitudinal travel is insignificant, about
0 4 inch zxppendix A-5-5),

Payload weight and‘ldEEtien are unchanged from the preliminary,

\
since no alterations were input from the RPV SPO. —The fuselage weight

T
is based on structural requirements,- the use of aluminum stringers and -
polyurethane foam filler, which are discussed in the structures section.
Wing sections, empennage, and booms are also discussed in the Structures
section.

The bulkhead at the rear of the fuel cavity is deleted, and the
estimated weight of the shroud is increased. The avionics weight is
reduced to 6.5 pounds, based on design group estimates. The remaining
components: engine, propeller, alternator, and servos remain unchanged

from the preliminary estimates.

Final Layout Estimate. Based on the preceding discussion combined

with structures, performance, and flight-control inputs, the final lay~
out, planform, and internal profile are generated. The most significant
item used by the structures analysis and the flight control analysis

(Appendix B) is the wing planform. As mentioned in the preliminary E

© e e et 7 ot ——

gross weight, CLmax’ taper, twist, airfoil selection, and sweep. E
The discussion of the preliminary planform holds for the shape
parameters: taper, sweep, and airfoils. The items that are modified
are wing area, span, twist, and CLmax'
CLmax and twist are closely related in any definéd planform having

known taper, sweep, airfoil, and Reynolds number. CLmax of the wing
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is a rather tedious function of the above parameters, so Professor

Larsen's program SHRENK (Larsen,1975a3) is modified for use as a design

tool (see Appendix A-3-1). This algorithm uses a linearized Cp-versus-

Re relationship and standard aerodynamics to calculate CLmax and spanwise
i position of stall onset (yg) as a function of aervdynamic and geometric
twist (washout). The objective is to maximize Cruas and to bring yg
inboard of the alierons, so that roll control is not lost near stall.

The results of using tnis algorithm are listed in Appendix A-3-2 and

EM\""‘ B -
plotted in Appendix A-3-3 for launch, cruise, and terminal dive air- =i
speeds. Again, twist is employed since it is assumed that a molded

wing section is used. The resulting wing Cp .. is 1.223 for the launch

airspeed of 50 mph. Using Eq (A-7) the required wing area is calculated.

" 351 Wg

(A-7)
CLmaxUv2 '

=
]

120 1b
Clmax = 1-223

0.915 at 3000 ft MSL

Q
]

<
]

50 mph

391(120)
— o ol (1.223)(0.915) (50)2

= 16.77 ft2 N I

@‘ glu Let S = 17 £ft2 to give some margin for gross-weight increase. This

estimate matches the preliminary estimate, so all of the dimensions

of Table A-1l apply for the final planform estimste as well, as seen

in Table A-5 and Figure A-9.




TABLE A-5. FINAL WING PLANFORM ESTIMATE

wingspan

aspect ratio

wing area

sweep

dihedral

twist

mean aerodynamic
chord

MAC spanwise
position

root chqyd

root thiékneé;

tip chord

tip thickness

maximum 1ift
ceefficient

10.1 ft
6

17 £t2
3.17 deg
5 deg
-4 deg

21.39 in

26.33 in

26.88 in
4.03 in
13.44 in
2.42 in

CLmax = 1.223

4@' Aircraft Center of Gravity
Wing-Half Aerodynamic Center

+ Wing-Half Center of Gravity
]

Area = 17 rtE

Dimensions in inches

o

Tip, NACA 2518

Root, NACA 2515

Figure A-9. Pinal Planform
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The airfoil section for the empennage is thickened to a NACA 0015
3 symmetrical section to strengthen the foam and allow room for a larger

spar. The planform areas are increased on advice from Flight Controls

(Appendix B) to the values shown in Table A-6 below.

; TABLE A-6. FINAL EMPENNAGE ESTIMATES

Horizontal Tail Section NACA 0015
' 2
Area Spe = 4.61 ft
Span bpt = 41.5 in
Chord cht = 16 in
Tail Length 1, = 60 in
e T — -—*~__,~“q*_ﬁzpickness the = 2.4 in
Vertical Tail Section NACA 0015 T
% Area (each) Syt = 1.46 ft2
Height by = 15 in
Root Chord Cyty = 16 in
Tip Chord cytt = 12 in
Mean Aerodynamic Chord Cymac = 1l4.1 in
Root Thickness tytr = 2.4 in
; Tip Thickness tyet = 1.8 in
i; The overall vehicle layout and dimensions are shown in Figure A-10,
= the package size is shown in Figure A-12 and the launch-site assembly
[ —————_____is shown in Figure A-11.
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Figure A-10. Vehicle External View
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Figure A-11. Vehicle Assembly

Figuré A-12. Package Size
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Structures

Environment. The flight envelope of the Type I vehicle is divided
into three main phases: 1launch and climb, cruise and loiter, and
terminal dive. The Type II vehicle is concerned with only the first
two since its fuel-depleted flight is of little value.

The launch-and-climb phase is significant in that the structure
must endure an 8~g launch acceleration at full gross weight. It is
anticipated that launch will occur somewhere between sea level and
3000 ft MSL, depending on the local altitude. The vehicle is pointed
into the wind in unprepared areas, i.e., there may be obstacles to
avoid locally. The attitude of the vehicle at release (8y]) is as
near as possible to that which puts the wing at Crpax.

During the launch run and climb phase, the engine is running at
the maximum power setting. The launcher pulls the vehicle by means of
a fitting on the ventral side of the payload bulkhead. It is mounted
there in order to utilize a tension-loaded ventral stringer in order
to avoid buckling problems. The booms are supported by two "crutches"
which are part of the launcher shuttle (Appendix F). Therefore, the
special conditions encountered during launch need consideration. Spe-
cifically, the ventral stringer load and the bulkhead-stringer mounting
point moments are the most stringent and are analyzed in a later section.

The conditions that the aircraft encounters during cruise and
loiter are less stringent when compared to launch and dive. From the
performance section, the cruise-loiter airspeed is 75 miles per hour
at 10,000 feet MSL. Fuselage angle of attack is near zero, and turn

loadings are well below those encountered ruing terminal dive.
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Terminal dive is the most severe environment that almost all of

the components face. This is due to the fact that an unmanned, sensor-

4 —
L : B,

i \ guided vehicle gyrates beyond the conventional loading charts which

use g-limits and standard wind shear. In this case, the maximum

| loading expected is the maximum that the aircraft can see, i.e.,
steady-state Cpp.. at terminal speed, 175 miles per hour.
Terminal dive speed, in this context, is the anticipated airspeed

that the aircraft wil!. encounter in a typical dive situation. Slope of

- dive is 45 degrees, control surfaces are continually deflecting, and
; ! the propeller is back-winded. Consequently, the steady-state force

balances are applied as the vehicle reaches sea level,

for cruise, but it will vary somewhat due to control surface activity,

D = W sin 45° (A-18)
| e 9_ 2
‘ 391 Vterm D S
! which is solved for Vig,m
[ 391 (W sin 450) | 1/2 (A-19)
vtem - 4 ocC S
D
| where W is the aircraft weight at the dive. Dive does not occur before
it cruises 100 miles, where the weight is about 120 pounds. Cp = 0.06
I
|

backwash, and attitude change. The estimate is then Cp = 0.065. S is

RSN S—— R ——

17 square feet, and 0 is 1.0 at sea level.

- [391(120) (sin45°) 12
Vterm (1)(0.065) (17)

= 173 mph
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Let Vioyy = 175 mph as a conservative estimate. It will be somewhat
lower for most cases.
The highest g-loading that the airframe will encounter {(n) in

a terminal maneuver is found from a balance of forces.

Lnax

n= W

_ V24 oy CLmax S
391 W

1.0 (sea level)

175 mph

1.43 at 180 mph (SHRENK)
17 £t?

120 1b

Therefore,

o (1) (175)2(1.43) (A17)
(391) (120)

= 15.9 or, rounding off, n = 16 g's.

Materials. The low-cost and lightweight constraints are contin-
uing adversaries in the search for realistic materials to be used in
this vehicle. Therefore, the materials and manufacturing techniques
were discussed in both general and specific terms with two very helpful
engineers and chemists, Mr. Owens of AFFDL, and Mr. Morrissey of the
Air Force Materials Laboratory (AFML).

The conventional methods used in making airframes, riveted metal

and fabric-covered wood, put the price of this type of construction well




out of the $100-$200 price target. Super-lightweight model aircraft
builders use materials like balsa, tissue, and hot-wired styrofoam.
Unfortunately, these materials lose their weight advantage when high
strength is required. The AFFDL Teleplane Project has been using styro-
foam and plywood in RPV construction for many years, and it has proved
very acceptable for prototypes in this weight class. However, this 5
method requires a great deal of hand labor and is a very expensive
approach in production.

The alternative suggested by Major Hoy and Mr. Lowe (AFFDL) is a
self-skinning, medium-density, rigid polyurethane foam. The advantages
of using this type of ékin—support material are many. The foam, when
molded, forms its own tough, colorable, rigid skin a few mils thick E
(Stengard, 1974:137). Skin thickness, foam density, and rigidity are
readily controlled by proper mold temperature, chemistry, and pouring
techniques (Morrissey, 1975). The Teleplane Program has samples of
wing and fuselage sections made with this technique, and they appear
quite satisfactory in use in this project.

The foam itself is stressed only to the extent that it carries
the aerodynamic loading from its external skin to the spar. That is,
the spar is assumed to transmit and resist all bending, shear, and
torque encountered by the component (see Figure A-13). There are dif-
ficulties with this assumption, however. Data is not available to
describe the mechanical properties of a skinned foam for any configura-
tion remotely resembling the one anticipated. Consequently, the design
approach depends on estimates that the qualitative evaluation of the é
technique is reasonable (Hoy and Morrissey, 1975). This caution is

mentioned in the summary. ‘,
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Figure A-13. Primary Wing Section

An alternative to the molded polyurethane foam is a blow-molded
fiberglass reinforced plastic (FRP) such as polycarbonate (Owens, 1975
and Waterloo, 1974:278-284). This method is attractive for its
ability to use the plastic as the major structrue, possibly without
using aluminum spars at all. Unfortunately, FRP blow molding appears
to be quite a bit more expensive than simple polyurethane foam molding
(Morrissey and Allinkov, 1975). This approach invites further work if
the polyurethane foam approach fails or blow-molding becomes more cost-
effective. But, for the purposes of this design effort, the molded-
polyurethane, self<skinning foam approach is used.

The problem of supporting the loads encountered by the skinned-
foam wings, empennage, and fuselage (E-Systems,1974a) is solved by
using tubular spars in areas where it is expected that the foam is in-
sufficient. The most conventional spar material is aluminum; and it is
very cheap, common, workable, and well-documented. Aluminum is avail-

able in a plethora of stock shapes and sizes. It is weldable, bendable,

A-41
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circular tube which comes stocked in a wide range of sizes. The

of aluminum are many, but the one most applicable to this design

§‘ i affordable, and available. The most generally applicable shape is the

alloys

is the

6061-T6 for three reasons: stiffness, workability, and availability in

the stock sizes needed (Alcoa, 1956:53). Other alloys have favorable

properties, but they are not available in the stock sizes necessary.
Composites, in general, are discouraged for this application on

the basis of their higher cost. However, fiberglass-reinforced poly-

carbonate (FRP) is evaluated on the absis of cost for an aluminum-stiff

4 structure and cost for an aluminum-strong structure. The basic structure

weight involved is calculated later in this chapter under wing and fuse-

;; lage structure requirements. It should also be noted that fiberglass-

reinforced polycarbonate spars of the size required are not stock
icems. The reinforced polycarbonate cost estimate is based on the spe-

cific cost (dollars per pound) of a 2-inch diameter FRP rod. Unrein-

3 forced polycarbonate cost is based on 2-inch diameter, 1/8-inch wall

i lots of stock extrusion (Alcoa, 1975). The comparison, shown in

b | Table A-7, is based on the following relationships.

{ SEM

3 STIFS$

: STRONG$

tube (Dayton Plastics, 1975). Aluminum specific cost is based on large

(A-21)

(A-22)

(A-23)

(A-24)
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where S$ = specific cost of material
SEM = specific elastic modulus

SFY = gpecific yield strength

STIF$ = relative cost of stiffness

STRONG$ = relativ.: cost of strength

E = modulus of elasticity

Y = specific weight

! fy = yield stress

TABLE A-7. ALUMINUM/POLYCARBONATE TRADEOFF

Specific | Specific [ Specific Relative | Relative

Cost Elastic Yield Stiffness | Strength
($/1b) Modiulus | Strength Cost Cost

4 Aluminum 0.80 38.0 13.0 0.021 0.062

1 Unreinforced

1 Polycarbonate 7.50 2.83 11.25 2.65 0.67

3 407 Fiberglass

9 Polycarbonate 7.84 9.21 21.0 0.85 0.37

Plywood is a cheap and versatile material, but it suffers from

high fabrication cost in that it requires cutting, finishing, and

| attaching. It is not cheap enough for use .as a skin or strong enough

for most structural components. However, it is ideal for use as

\

1 bulkheads since it requires only one peripheraluqut and is a common

material for mounting boxes and flanges. Many otﬁer materials are

! available; but their cost, weight, or manufacturability leave a great
deal to be desired in applications on slow, lightweight mini-drones of

this type (Adims, 1971).
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Manufacturing Techniques. The significant questions involved here

are the problems of foam-spar adhesion and wing-aileron and stabilizer-
rudder mating. The Problem of adhesion of the polyurethane foam to an

aluminum spar is not serious. The foam skins against the spar as well

as the mold; and this skin adheres quire well since no release agent is
used (Morrissey, 1975).

The problem arises when considering the stress flow from the aero-
synamically loaded skin to the spar {see Figure A-13). The lower density
foam between the skin and spar has questionable pProperties. Indeed,
there appears to be no useable information available to conclusively
describe the ability of this scheme to work in this configuration. There-
fore, it must be assumed that, after a small amount of research and
development, it will.

This assumption is made at some risk, but the alternative solution
involves only a slightly higher cost. TIf the simple, cast-in spar
arrangement proves unsatisfactory, it should be an easy matter to remedy.
One attractive solution is to attach, by means of adhesive or spot-
welding, an intermediate structure of light plastic or metal mesh
about the wing spar in a manner shown in Figure A-14. The purpose of
the mesh is to act as a skinning surface for the foam. The result is
a foam cross-section that no longer depends on the strength of the
lighter density core but is now able to transmit Stresses through a
stronger, higher density layer at the mesh. To repeat, this course
adds little weight and some minor labor and materials cost, but it

should only be necessary if the original foam-spar process proves in-

adequate during test.




Polyurethane Foam Core

b
\\h_ Aluminum Spar

Polyurethane Skin

Figure A-14. Alternate Wing Section

The problem of cheaply mating the control surfaces is more easily
solved. E-Systems (Morrissey, 1975) has demonstrated a technique for
molding the wing and alieron as one piece, using a fiberglass hinge
molded integrally with the foam. Unfortunately, their technique suffers
from alignment and fatigue problems and is quite unsatisfactory. The
approach seems valid, so this design effort includes this type of
integral molding, except that the hinge is a perforated mylar strip.
The perforations allow the foam to mechanically hold the strip, and
the mylar is used since it is a very strong and flexible material. It
can be easily and cheaply punched and cut. There are numerous ways of
applying the mylar strip hinge, but this one seems most satisfactory

(see Figure A-'15).




Mylar
Hinge

Mold Halves

Alleron 1

Mold

i i

Figure A-15. Hinge Molding Scheme

Load Analysis. The general approach in analyzing the secondary

structure required (spars, stringers, booms) is to select the critical
loading and strength points, assess the nature and magnitude of the b
loads, and select the lightest-weight structure to handle it. As shown y
in the discussion of flight environments, the most critical points af-
fecting structures are launch and terminal maneuvers. The most re-

strictive case is evaluated for each component examined. Safety factor
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is ignored, since the vehicle is unmanned and usually encounters max-
e imum loading on termirial dive where yielding is no longer important.

E Wing Loading. Analysis of the more significant forces on the

E wings shows that the major area of concern is the strength of the spar
at the point of fuselage intersection, i.e., where the carry-through
spar ends. It is considered that each spar is cantilevered at that

point and is acted upon by 1lift (L) at the AC, drag (D) at the AC,

inertia at the wing CG, inertia of the body (without wing or tail),

and inertia of the tail. This setup is shown in Figure A-16.

Looking first at the wing intersection moment about the X-axis

(Mg4) and using balance of moments (see Figure A-16),
1 1
Myt = mly (Wa + WE)yat = Wo Yui = 7 We Ybil (a-25)
Likewise, the moment balance equation about the y-axis is

Myg = m(WpatWg) - n(WheZpe = WyeZht) (a-26)

For the moment about the Z-axis,
- 1
3 Mzi = n YyiWw + "Ybi(Dt + We) + Y,iDw (A-27)

Using the standard drag relationship from Eq (A-18), Eq (A-28) is mod-

ified to

E: 1 1 A-28
Mzi = n YyiWw + 5 Yb1(391 v2Cp, Sy + We) + 5 Yai 397 391 v chSw ( )

b where Myi = moment about x-axis intersection

Myi = moment about y-axis intersection
i ‘ Mzi = moment about z-axis intersection

E T T ”CuE—=“tail‘drag"coefficient i e e —

G A=47
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The values used

wing drag coefficient
tail drag

wing drag

anumber of maneuver g's
aumber of launch g's
tail area

wing area

airspeed

dry weight of body (Wg less wing and empennage)
dry weight of vehicle (Wg less fuel)
weight of fuel present

weight of horizontal tail

weight of empennage

weight of vertical tail

weight of one wing

distance between body CG and spar
distance from intersection to AC

distance from intersection to boom
distance from intersection to wing CG
height of horizontal tail above wing spar
altitude density ratio

are:

0.05
1.223 (launch)
0.6 (terminal)
1 g (launch)
16 g (terminal)
8 g (launch)
0 g (terminal)
4 ft?
17 2




50 mph (launch)
175 mph (terminal)
70 1b

100 1b

15 1b (at IP)
4,2 1b

10.4 1b

1.1 1b

10.1 1b

6.4 in (launch)
12 in (terminal)
20.3 in

12 in

21,5 in

1.0 (sea level)

The results are shown below in Table A-8.

TABLE A-8. WING INTERSECTION LOADING

Load Moment Launch Value Terminal Value

Myj (in-1b) -138 10,192

Mzi (in-1b) 1927 1,127

Table A-8 clearly shows that terminal-dive maneuvering is the

dominant wing loading factor. Using the above terminal loads, Egs

(A-30), (A-31), and (A-33) are used to find bending moment Mpi)»

torque (Mgi), and minimum section modulus by using handbook examples

(Simin) (Alcoa, 1956:88,97,98).




|
{

1/2

My = (Mei? + Mz12) ™/ “(1n-1b) (A-29)

Mgi = %Myi (in-1b) (A-30)
2 2.1/2

Sy = Mp1 +%l;si ) (4n3) (A-31)

Using the terminal numbers from Table A-8 and the common value fy =

35,000 pounds per square inch (Alcoa, 1956:53), the minimum required

section modulus for the wingspan is S{ = 0.438 inches cubed. The light-

est aluminum tubes that satisfy this requirement are shown in Table

A-9 (Alcoa, 1956:757).

TABLE A-9. TUBE PROPERTIES

Spar Wall .Section Total Spar
Diameter (in) Thickness' (in) Modulus . (in3) Weight (1b)
2.0 3/16 0.443 12.1
2.25 1/8 0.420 9.5
2.25 3/16 0.579 13.8

From the data above, it is clearly advantageous to discount the antic-
ipated leads slightly to gain a weight savings of 2.6 pounds in wing
weight by choosing the second of the three spars listed. Since the
actual attack loading is untested, this tradeoff seems reasonable.

In order to minimize the torsion loading encountered by the foam,
it is decided to move the wing spar forward to the quarter-chord line.
Since this airfoil section has a very low moment, the minimum-moment

position is near the line of AC's.




Carry-through Spar. The wings are attached to the fuselage by

sliding the wing-spar ex:emsions into the carry-through spar mounted

in the fuselage (see Figure A-11). The carry-through must be large ;
enough to accommodate the wing-spar diameter and strong enough to |
carry the wing loading discussed above. The root (centerline) load
analysis is similar to that of the intersection load analysis with the
exception of the y-axis dimensions. Since the intersection is 6 inches
out from the centerline, the following parameters are derived (see

Figure A-16):

Yur = Yaqy + 6 in = 26.3 in

18 in

Ypr = Ypi + 6 in

er=Ywi+61n

Using Eqs (A-25), (A-26), and (A-28), the following equations are

formed by similarity.

1 1
Mxr - m[i" (Wd + Wf) Yar - WWer = -2" Wthr] (A"32)

Myr L Myi (A_33)

1 g 1 g
Mzr = n YyrWy + 7 Ybr(—3-9—1 VchtSt + We) + 2 Yar 301 v2 CpySw (A-34)

where Mxr, Myr, and M,y are the components of the wing root moment.

The values for these three parameters are shown in Table A-10.

TABLE A-10. WING ROOT LOADING

Load Item Launch Value Terminal Value
Mxr (in-1b) 1129 17,424
Myr (in-1b) -138 10,192
Mzr (:I.n—lb) 2486 1,460
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Eqs (A-29), (A-30), and (A-31) are used to find the minimum required

section modulus for the carry-through spar (S¢). The result is Sr =

0.439 inches cubed. The section required to accompany the wing spar

and root loading is a 2.5-inch diameter and %-- inch wall thickness

tube with a weight of 1.10 pounds.
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Booms. Each boom is in the form of an aluminum tube connecting
the leading edge of the vertical tail spar to the wing spar. This con-
figuration results in a total boom spar length about the same as the
tail moment arm, about 5 feet. The boom is attached to the vertical
tail spar by means of rivets and to the wing spar via a sleeve welded
to the spar. The boom slides into the sleeve and is held in place by
a simple slot-pin detent. The pin is held in by pre-loading the hor-
izontal tail spar (see Figure A-1T). The result is that the boom is
cantilevered at the sleeve end.

The critical stress areas are easily seen to be the points where
the boom enters the sleeve and where the sleeve is attached to the
wing spar. The conservative assumption made here is that during any
portion of the flight, all balance forces are handled by the empennage.
This is reasonable since this is a low-moment wing with the boom at-
tachment at the wing quarter-chord. Again, referring to Figure A-16,
the balance of moments equations for the sleeve at maximum terminal

maneuver are

yA
xs 391 'term “Lmaxvt ~vt| 2 (A-35)
e L L
Mys =3 Myr (A-36)
M =9y ¢ S . 1 (A-37)
XS 391 term Lmaxvt vt "t

where M _, M , and M__ are the moments at the sleeve-spar interface,
xs’ "ys zs

o = density ratio, and V = terminal airspeed.
term
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CLmath = max C; of the vertical tail
Syt = vertical tail area
Zpe = height of vertical tail above the wing spar

My, = moment at the wing root at y-axis, Eq (A-33)

These moments are calculated using the attack conditions noted earlier,

That is,

Q
[}

1 (sea-level)

175 mph

16 in

N
=
-t

]

Mgy = 10,192 in-1b

Svt = 1.56 ft2
CLmaxvt = 0.5 (Jacobs, 1934:42)
L¢ = 60 in (Appendix B)

The resulting attack moments are

Mys = 489 in-1b
Myg = 5096 in-1b

Mzs = 3666 in-1b

Using the relationships from Eqs (A-29), (A-30), and (A-31),

Mps = (Myg? + Mzsz)l/2
= 6278 in-1b

Mgg = Mys
= 489 in-1b
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1 2 2.1/2
Sg = fy (M g” + 4 M%)

= 0.182 in3

The minimum section modulus for the boom is now found by using
similar equations and conditions but using the boom-sleeve intercept
as the design point (see Figure A-16). This reduces the effective boom
length (1) by the sleeve length, 10 inches. The resulting moments are

found using Eqs (A-35), (A-36), and (A-37). The results are

Myp, = 489 in-1b
Myp = 3055 in-1b

Mpp = 4247 in-1b

Applying these values to Eqs (A-29), (A-30), and (A-31) yield

the values

5232 in-1b
489 in~1b

0.152 in3

The minimum-weight, aluminum-tube section that satisfies this
minimum section modulus has a 2-inch diameter, 1/16-inch wall thickness,
0.179-inch cubed section modulus, and weight of 1.94 pounds. The as-
soclated minimum-weight sleeve associated with that boom has a 2-1/4
inch diameter, 1/16-inch wall thickness, 0.229-inch cubed section mod-
ulus, and weight of 0.42 pounds (Alcoa, 1956:257).

Horizontal Tail Spar. Figure A-17 shows that the horizontal tail

spar can be represented as shown in Figure A-18a.
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The loading is assumed to be uniform over the spar length. This
layout is simplified as shown in Figure A-18b to a uniform load between
pins with end moments. The total load is twice tne end load seen by

each boom, so the spanwise loading is shown by

2 M
o= b - i
the = By 1 G i
| 4
= 2.72 1b/in F
where Myb = 3055 in-1b i
byt = 45 in

The tail support pins are 36 inches apart with 4.5-inch overhangs, and
the end moments (M) are calculated using the diagram in Figure A-18c 1

(American, 1965:2.126).

L s

£,.0.2
Me = .E_ZL (A-39)

(2.72) (4.5)2
2

27.54 in-1b

Using the diagram in Figure A-18b, the maximum moment encountered
(Mpax) 1s found (American, 1965:131).
Mpax = '-'T;Ji” - M (A-40)

= 725.8 in-1b
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Using Eq (a-31) where Mp = Mmax and Mg = 0,
s = 0.021 in3

Since a NACA 0015 section is used with a chord of 16 inches, the largest-
diameter tube useable is 2 inches. However, the lightest standard-size
tube that meets the horizontal tail spar strength requirements has a
1-3/4 inch diameter, 1/32-inch wall, and weight of 0.75 pounds (Alcoa,

1956:257).

Vertical Tail. Using the dimensions shown in Figure A-16, the

minimum useable spar for the vertical tail ig found. Using the moment-—
balance method, the following relationships for bending moment Mpt)

and torque (Mgg) are found

Mps Xt

i (A-41)

Mpt =

= 837 in-1b

where Mpe = bendiny moment at boom intercept
Mpsg = sleeve-root moment = 6278 in-1b
X¢ = distance aft from boom to stabilator pivot = 8 in
¢ = length of tail arm = 60 in
and
Mgt = Mss (A-42)

489 in-1b

Using Eq (A-31),

1/2

§= %;'(Mbsz + & Mgg?)

- 0.037 in3
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:§ ' The lightest satisfactory stock tube has a 1-1/2 inch diameter, 1/32-
inch wall, and weight of 0.34 pounds.
Fuselage. The fuselage loading and spar selection is based on the
structure presented in Figures A-1T and A-19. The major items of
k interest are the launcher force (Fy), the engine thrust at launch (Tyg) g

aircraft inertia (nwg), and wing lift (L). The three stringer tubes

(two dorsal, one ventral) are assumed to be cantilevered from the bulk-

heads, since they are mounted with flanges bolted to the bulkhead.

The launch loading on the dorsal stringer is decomposed into its

- | major components (see Figure A-19a), wing moment (M), inertia moments k.

(Mg), and end moments (M; and Mp). Since there are two dorsal stringers,

! M, = %'Mry’ and the inertia moments are distributed to the six flange

mounts, My = %-ML. Therefore,

ML - FLZL - Mry (A-43)

total launcher moment

where My,

launcher force

i
[
(]

wing-root moment at y-axis g

height from launcher probe to CG

N
[
(]

‘ ZL=7in

F, = 880 1b (Appendix F)

i Mpy = -138 in-1b (at launch)
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The results are M ; = -6022 inch-pounds.and M, = -1004 inch-pounds.

End moments are calculated from the standard equations (Priest, 1965:

1 157).

% My = Mg - E%ZEE (22-3%,) (A-45)

W= M - M (a-47)
where M, = wing moment

% = length of each stringer

: Xg = distance from payload bulkhead to
carry-through spar

X, = distance from spar to engine buikhead
M, = moment just ahead of spar

M = moment just behind spar

Using the values M, = %'Mry = -69 in-1b

2 =27 in

X, = 17.5 in

b . X = 9.5 in

the results are Ml = =1027 in-1b
My = -1002 in-1b
M; = -1157 in-1b

M_ = -1088 in-1b

This shows that, for launch, the maximum dorsal moment 18 Mpay = 1157

4 inch-pounds.




? ! The loading on the ventral atringer is also of concern. The

tension stress through the stringer during launch is calculated from

b F,

Fr, = |Ma| Sv + (A-48)
, v

é where Fig = ventral stringer launch stress

- M, = corner launch moment

;f Sy = ventral stringer section modulus

Fp, = launch force

Ay = ventral stringer sectional area

'f Using the values: Mg = -1004 in-1b
¥y, = 880 1b
. s, = 0.022 in3 for a ome-inch diameter, 1/32-inch
1 ' wall tube (Alcoa, 1956:257)
A, = 0.095 in?

The resulting stress, Fy = 9285 pounds per square inch is much less
than the yield stress of the material (35,000 1b/in2), which means

that the lightest l-inch diameter tube is adequate.

The attack maneuver is another critical time for load analysis,

as shown in Figure A-19b., This analysis is simplified by corridering

b the dorsal ioad due to the wing lift (L) and moment (M) as pro-

duced by two separate forces (F1 and F2). This is reasonable, since

q\ the carry-through spar is supported by U-bolts into each dorsal

stringer. The dimension d is the distance between the U-bolt ends, 2.75

3 ! inches. The forces, Fj and F2, are found from the balance equatioms,

k- 1§ F; +Fp =1L and Fjd - Fad = 2 M;. The resulting values are F} = 2178

A ] pounds and Fp = -1530 pounds. The dimensions a;, 87, by, and b, are
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L and M, are found for a 16-g terminal maneuver. Superimposing the

found by usiﬁg X, and X, and centering the U-bolt. The values are as

4 follows:
5%_ a; = 16.125 in
? a, = 18.875 in
: b; = 9.875 in

by = 7.125 in
f.- 4 R =27 in
| M, = 5096 in-1b

d =2.75 in
g L = 648 1b

single-force beam equations (American, 1965:2.125) yeilds

F1by2 Fob;2
Ry = 3 (3a1+b1) + 73—- (3a2+b2) (A-49)
'; = 377 1b
':, P F1a12 F2a22
3 Ry = —=— (a1+3b1) +--Ejr- (a2+3b2) (A-50)
= 271 1b

The corner moments are (AISC, 1965:2.125)

2 \ F131b12+-F2a2b22
M1=

j 2 (A-51)

= 2687 in-1b
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Fya12bi+Foa22b
121°b1+F222°b2 (bt

My = Iy

= 2344 in-1b

The moment at the carry—-through spar is

2 2 2

} = 2800 in-1b

| The preceding calculations show that the pmaximum expected dersal moment

is 2800 inch—pounds at the carry-through attachment. The ventral

stringer loading is much less, since the wing moment is not applied

directly.

. Looking at all of the above loadings, it is obvious that the most

s
1 |
? severe load is encountered during terminal maneuvers at the carry-

through spar attachment, Mpax = 2800 inch—pounds. Therefore, Eq (A-31)

is used to show the minimum dorsal stringer section modulus.

Mmax
fy

; S

= 0.080 in3

a tube with a l-inch diameter, 3/16-

b This necessitates the use of

inch wall, and a weight of 1.3 pounds for each dorsal stringer. The

total weight of the three stringers is 2.9 pounds. Tubing is not the

but no other suitable stock

PO

most efficient cross—section for bending,

Fuselage redesign might result in some

sections fit this fuselage.

weight savings but it is not expected to be significant.
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The weight and section characteristics of the above structural com-

ponents are listed below in Table A-11.

TABLE A-11. ALUMINUM STRUCTURE SUMMARY
Wall Weight,
Number Diameter Thickness Length each Total

Component Used (in) (in) (in) (1b) wt (1b)
Wing Spar 2 2-1/4 1/8 £8 4,74 9.5
Carry-through 1 2-1/2 1/8 12 1.1 1.1
Boom 2 2 1/16 52 1.54 3.9
Boom Sleeve 2 2-1/4 1/16 12 0.51 1.0
Horiz. Tail

Spar 1 1-3/4 1/32 45 0.75 0.8
Vertical Tail

Spar 2 1-1/2 1/16 24 0.34 0.7
Dorsal

Stringer 2 1 3/16 28 1.30 2.6
Ventral

Stringer 1 1 1/32 28 0.30 0.3

Weight Calculations.

The following discussions deal with esti-

mating the weights of skinned-polyurethane foam parts cast around the

associated aluminum structural member.

The foam normally considered

for this application is a rigid, freon-blown, 6 pound per cubic foot

density foam commonly available (Morrissey, 1975).

The approach is to

find gross component volume, subtract cavity and spar volumes, and

calculate the remaining weight of foam.

These estimates are presented

along with spar and total foam-component weights in Table A-12,

For example, the fuselage is composed of the following volume

estimates (all data is in cubic feet):

gl e b i



overall fuselage, 1.31

avionics bay, 0.19

fuel tank, 0.37
alternator bay, 0.06
wing root hump, 0.51

carry-through spar, 0.03

The resulting foam volume is 1.31-0.19-0.37-0.06+0.51-0.03 = 1.12

cubic feet. Using 6 pound per cubic feet foam, the weight estimate of

the foam is 6.77 pounds. This is added to the weights of the stringers,

_%- engine cowling, and carry-through spar to find the total fuselage

weight of 11.8 pounds.

TABLE A-12. FOAMED-COMPONENT WEIGHTS

Foam Structure Total Component

Component wt (1b) wt (1b) wt (lb)
Fuselage 6.77 5.0 11.8

' Wings 15.46 10.5 26.0

¥
Horizontal Tail| 3.00 0.75 3.8
Vertical Tails 1.70 0.68 1.2

- - The volume of foam required for the wings and empennage is based

on a ratio of cross-sectional area to chord relationship,

; T - ) 2 A =
g - e Vb o3 (A-54)

where éf is estimated by trapezoidal rule from the station coordinates
c

3 I presented for each airfoil (Jacobs, 1935:17,18). The ratios A/c2 for the




wing and tail are:

wing; Alc? = 0.117, tip
= 0.098, root

4 | tail; A/c? = 0.078

& Other component weights are discussed below. The known component

weights, in pounds, are: payload, -25; servos, 0.2 each; engine,

12; and propeller, 2. Avionics weight is estimated at 6.5 pounds

from the mission and navigation study as recommended by the RPV SPO.

Bulkhead weights are estimated, using 1/2-inch standard plywood, at

1 pound each. A representative alternator weight is estimated in

Appendix D at 6 pounds. The payload shroud is estimated at 1.4

pounds by using a 1/16-inch thick polycarbonate shell. Fuel weight is
discussed in the following section (Performance).

The weight-and-balance estimate for the vehicle at launch is shown
below in Table A-13. The changes in CG location as a function of fuel
consumption are shown in Figure A-9 and are tabulated in Appendix

E A-5-5. The component CG's are illustrated in Figure A-T.




4 TABLE A-13. FINAL WELGHT AND BALANCE
i’ X-axis Y-axis Z-axis
P Weight Location Location Location
E Component (1b) (in) (in) (in)
Fuel 21.5 30.6 0.0 0.0
Payload 25.0 9.5 0.0 0.0
i Fuselage 11.8 33.0 0.0 0.0
b Left Wing 13.0 33.0 0.0 6.5
E Right Wing 13.0 33.0 0.0 6.5
4 Horizontal Tail 3.75 92.0 0.0 23.0
3 Left Vertical Tail 1.2 92.0 -19.0 12.0
4 Right Vertical Tail 1.2 92.0 19.0 12.0
3 Alieron Servo L 0.2 33.0 ~25.0 6.0
1 | Alieron Servo R 0.2 33.0 25.0 6.0
1 Rudder Servo L 0.2 93.0 -19.0 8.0
] Rudder Servo R 0.2 93.0 19.0 8.0
ZL Elevator Servo 0.2 93.0 0.0 20.0
j? ' Engine Servo 0.2 43.0 0.0 0.0
1 Payload Shroud 1.4 5.0 0.0 0.0
3 Avionics 6.5 17.0 0.0 0.0
' Propeller 2.0 50.0 0.0 0.0
4 Engine 12.0 46.0 0.0 0.0
Alternator 6.0 42.0 0.0 0.0
Left Boom 1.95 60.0 -18.0 6.5
£ Right Boom 1.95  60.0 18.0 6.5
AR Payload Bulkhead 1.0 15.0 0.0 0.0
i Engine Bulkhead 1.0 43.0 0.0 0.0
E ¢ TOTAL AIRCRAFT
E: 3 AT LAUNCH 125.0 32.68 0.0 2.54




Performance

The approach used to estimating the vehicle performance and
parameters necessary to satisfy the mission requirements is based
on commonly used, preliminary-performance techniques employed at a
basic level. In general, these techniques are derived from unpub-
lished class notes supplied by Prof Harold E. Larsen of the Aero
Mechanics Department of the Air Force Institute of Technology

(Larsen, 1975 b).

The method generally involves applying the preliminary weight,
layout, and planform parameters, discussed earlier, to the general-

performance analysis. These results are thien used to redesign or rear-

range, if necessary, the airplane parameters in such a way as to produce
acceptable results. The technique is basic, since confidence in many

of the parameter values is questionable. That is, some initial values
are desirables, some are estimates, and some are arbitrary.

This technique is mechanized by conetructing a computer program,
DESIGN (Appendix A-6), on the basis of the referenced notes and on an
endurance estimating technique taken from NACA TR234 (piehl, 1926).

This program and the associated results and plots are presented in Ap-
pendices A-6-1, A-6-2, and A-6-3, respectively.

Mission Profile. The quantitative aspects of vehicle performance

are closely related to the environments and flight profiles which the

vehicle encounters. Therefore, it is reasonable to base the software

design tool on one basic mission profile that reasonably simulates

the expected vehicle situation. In discussions with System Analysis,




Chapters II and IV, Volume II, the following profile seems reasonable.
Launch occurs at 3000 feet MSL (worst case) at 50 miles per hour

with no wind. Launch is into the wind if there is any. It occurs in

an unprepared area, thus necessitating quick climb to clear any surround-

ing obstacles, such as trees, hills, wires, buildings, etc. Time to

reach cruise altitude of 10,000 feet MSL is not specified, but mountains

might need to be crossed. Therefore, time to altitude should be mirli-

mized. The distance from launcher to target is a maximum of 100 miles,

and the cruise to the target is at 75 milesﬂper.hqur at 10,000 feet.

In the target area, the vehicle remains at 10,000 feet and 75 miles per

hour until fuel depletion, occasionally turning full-about. The

actual terminal phase is not included, except to note terminal velocity

and maneuver loading discussed previously.

The discussion above leads to the mission profile applied in
DESIGN. Launch is at 50 miles, per hour, 3000 feet altitude, and full
power. Climb-is at 60 miles per hour at the best climb angle for that
speed. Upon reaching an altitude of 10,000 feet, throttle is reduced
and the vehicle remains straight-and-level at 75 miles per hour for the
rest of the 100-mile leg. Further specification of conditions here would
make the design tool/too closely coupled with navigation, flight con-
trol, and servo loops. Loiter over the target area is based on the
same conditions as cruise. No turns are included since the frequency
of turns is small. The preceding discussion is {llustrated in Figure
A-20.

Power. It is assumed that an alternator uses power (HPGEN)
driven from the engine (for the Type I), and the available thrust horse-

power decreases with altitude by the simple 4-cycle relationship shown

A-71
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in Eq (A-55) since 2-cycle data ig unavailable. Engine performance data
is taken from calculations by Early (1975) in connection with the

Teleplane XBQM-106. Available thrust horsepower,

THP = THPgy, (1.1320-0.132)

Required thrust horsepower,

2
W
THPR = 4.65x1076 ‘che s v3 + L:226 —%‘ + HPgen (A-56)

Required brake horsepower,

BHPR = T*;PR

Excess horsepower,
HPxs = THP - THPR (A-58)

Average excess horsepower is assumed to be a linear average of excess

horsepower from 3000 feet to 10,000 feet.

1
HPygavg = E'(ers3 + HPx510)

Rate of climb,

- 33,000 HPxg

RC Wa




o ST - L e

Angie of Climb,

. =1{ RC
8o = Sin 8 V‘ (A-61)
Wing Characteristics.
Stall speed,
301 wg |2
vy = )391Wg (A-62)
st CL oS
max
Wing area required for launch at 50 miles per hour at 3000 feet,
= 91 W L
Bty (a-7)
L
max
Drag coefficient,
c 2
L
Cy = Chpe * 7o AR (A-63)
Lift-to drag ratio,
L/p =S (A-64)
CD
Endurance ratio,
1.5 1.5
c
D
Maximum lift-to-drag,
1/2
L. ifem (A-66)
D 21 C
m Dpe
: L
Airspeed at B‘ :
max
' 5 1/2
391 Wg}
V= S (A'6T)
CDpe“e AR
A-74




Minimum turn radius,
391 Wg
rt 17
Vst 1/2
Sog C [1-( v )7}
max
Angle of incidence,
C
a, = Lcruise.
. i 7
*3p
Time and Fuel.
Time to climb,
= B
oL = %0 ®e
avg
Fuel for climb,
W = THP C tCL
f e e t———————
n
Fuel for cruise,
- _ _cruise n
By = 8 ‘l expl 326 C(L/D)],

Fuel for loiter,

Time over target with a given remaining fuel supply,

koo Wf n

TSR

A-75

(A-68)

(A-69)

(A-T0)

(A-T1)

(A-T2)

(A-T3)

(A-Th)

E
E




The preceding equations use the following general terminology:

7
g
A
g
-
-
4

AR = agpect ratio
b = wingspan (ft)

BHP = brake horsepower available (hp)

BHPR = brake horsepower available (hp)

C = specific fuel consumption (1b/hp-hr)

C. = drag coefficient

D
; : i CDpe = profile drag coefficient
. CL = 1lift coefficient
e maximum 1ift coefficient
% D = drag (1b)

e = span efficiency factor
g = gravitational acceleration (32.2 ft/secz)
h = cruise~loiter altitude (ft)

= excess thrust forsepower (hp)

XS
263 Hsz”at 3000 £t (hp)
,' HPxslo = HPxs at 10,000 ft (hp)
HPxs = average HPxs (hp)
avg
L= 1lift (1b)

r = range (mi), turn radius (ft)

RC = rate of climb (ft/min)

l RCacg = average RC (ft/min)

i S = wing area (ftz)

t = time (hr)

t. = time to climb to h (hr)

A-76
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THP

THPR

CL

thrust horsepower anailable (hp)
thrust horsepower required (hp)
airspeed (mph)

stall speed (mph)

aircraft weight (1b)

fuel weight (1b)

gross weight (1b)

wing incidence (deg)
3-dimensional 1ift curve slope (deg-l)
zero-1ift angle (deg)

propeller efficiency

altitude density ratio

angle of climb (deg)




Inputs to DESIGN. The labels cf the variables, asg listed in the

Program, are explaired ipn Appendix A-6-1. The values of the input var-

iables are listed below.

126 1b (structures)

1.223 (SHRENK, Appendix A-3)
17 fe2 (1ayout)

6 (layout)

0.95 (layout)

0.03 (layout)

0.08133 deg (SI'RENK)
-2 deg (Jacobs, 1935:17)
0.75 (cruise and loiter) (Appendix C)
0.6 (climb) (Appendix C)
1.25 1b/bhp-hr (cruise and loiter) (Appendix C)
1.50 1b/bhp-hr (climb) (Appendix C)
10,000 ft (Chapter II, Volume II)
t(mission) = 6 h: (Chapter II, Volume I1)
r=100 mi (to target) (Chapter II, Volume II)
Alternator power 300 watts (Appendix D)
v = 50 mph (launch) (Appendix F)
vV = 60 mph (climb)
v =75 mph (cruise)

Climb speed is found by taking a compromise between climb angle
and rate of climpb (Appendix A-6-3). Cruise speed is taken as the high-
est airspeed practical without significantly adding to fuel consumption
(Appendix A-6-3). This is done by taking the minimum-horsepower re-

quired point (maximum endurance) and running the airspeed up until no

more than about 1/2 horsepower extra is necessary. The speed is purely

arbitrary at thig point, but the Syetem analysis (Chiapter II, Volume

II) indicates that increasing speed increases survivability,




Outputs from DESIGN. DESIGN was built as a design tool to be used

continually to update the estimates as new data and requirements came
to light. The final performance parameter estimates are tabulated and
plotted in Appendices (A-6-2) and (A-6-3), and the more significant

parameter estimates are presented below.

Climb Angle 16.6 deg at launch
Rate-of-Climb 1290 fpm average
Cruise Brake Horsepower 2.3 hp

Fuel Weight 2.4 1b climb

2.1 1b cruise
18.0 1b loiter
22.5 1b total mission
Fuel Fraction 17.9%
Time ‘ 0.13 hr climb
1.23 hr cruise
4.64 hr loiter
6.0 hr total mission
Distance 7.74 mi climb
92.25 mi cruise
348.06 mi loiter
using 15.5 1b fuel, 2.84 hr loiter time

212.65 mi loiter coverage

Fuel consumption sensitivity is illustrated in Appendix A-6-4.
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Cost

b The airframe cost estimate is based on che structure and molding

techniques discussed earlier in the structures section, pages A-37 to ’
4

A-46. The estimates (Stansberry, 1975) are separated into two areas,

o E non-recurring and recurring production costs. d

The non-recurring cost is composed of the costs of die-cast molds, 4

pouring apparatus, feed and take-away tables, and assembly equipment.

1 The low, most-likely, and high estimates of non-recurring costs are 3

$202,000, $230,000, and $248,000, respectively.

Recurring production costs are comprised of the cost of labor to

assemble, connect, and test all components of the vehicles as well as
the materials and labor agsociated with actual airframe construction.

Table A-14 illustrates the recurring component and total recurring

airframe cost estimates.

TABLE A-14. RECURRING AIRFRAME COST ESTIMATES (EACH)

{ Component Low ($) Most Likely ($) High ($)
x; Fuselage 147 167 180
1 Empennage 68 77 84
g Wings (2) 61 69 74
j Cowling and Shroud _21 _24 26 =
364

Total Recurring 297 337




Rl

Conglusions

YThe basic result of the airframe design and analysis is that this
configuration is indeed suitable for the class of vehicle presented.
All significant design goals are met, all operating constraints are
satisfied, and most listed desirable characteristics are included. The
concept of a low-cost airframe common to both Type I and II vehicles is
realistic. It seems unlikely that any real cost-saving can be had by
constructing different airframes for each of the two types. There are
some difficulties, however.

The bulk of a 126-pound vehicle indicates that there may be ground-
handling problems using a two-man crew. The solution might be to add
the 23 pounds of fuel while the vehicle sits on the launcher. This
impacts launch rate, but it eliminates the need for a handling cart or
costly weight reduction program.

The performance (and therefore fuel) estimates are based on ques-
tionable data for both fuel consumption and power output of the McCulloch
MC 101 engine. The data used is reasonable; but it is clear, from many
runs of DESIGN, that the fuel weight and other parameters are sensitive

(Sgh; airc;;ft‘séructure presented here is the simplest scheme that
seems realistic. However, the unknowns discussed in Manufacturing
Techniques lead to \the conclusion that further research and development
efforts are required in skinned foams in this configuration. The recom-
mendation, then, is to fund studies of this material in wing-spar combi-
nations with major emphasis on wind-tunnel and flight testing. The

alternate meshing approach should also be considered in the above tests.

T




In consideration of all of the assumptions and estimates made in
the preceding discussions, it is advisable rhaat they be tested by

building and flying a prototype aircraft based on the proposed design.

1 | The concepts of hands-off, no-stability-augmentation flight in conjunc-
tion with this configuration can only be considered valid in the pres-
# ence of some hard test results.

To recapitulate, this airframe configuration meets the design’

goals satisfactorily and should prove a realistic basis for cost anal-

ysis, operations, and technology; but further testing is required to

validate the results.

i
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E APPENDIX A-2-2
] CDVSAR OUTPUT
3 AR= 5, cL cD L/D L1.5/0
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APPENDIX A-3-2

SHRENK OUTPUT

AIPFOTL AT THE ROOT = NACA==2715
ATPFOTL AT THE TIP = NACA--?518
WING AREA=SO.FT. = 17.0000
ASPEAT RATIO = 6.00

SPAN=FT, = 10,100

| SPAN=IN, = 171.194

. ROOT CHNARD=FT, = 2,24kt

ROOT CHORD=-IN, = 2He932

ROOT THICKNESS=FT. = «337

# ROOT THICKNESS=TNe = 4e040

1 TIP GHORD=FT, = 1.122

- TIP CHORD=IN, = 134456

& TIP THICKNESS=FT., = 202

TIP THINKNESS=TN, 2eli2h
MAC=FT, = 1782
MAC-IN, = 21,389
MAC THIOKNESS=FT,
MAC THICKNESS=IN.
YRARMAC = 434429
Y AT MAC=-FT, = 2,193758

Y AT MAS=INe = 26432510

ADR=/RAN, = A.3164L85

ANT=/RAN, = 74019043

i AORAR=-/RAD, = 54950671

A3-/RAD, = L,H650119

A3D=-/DERe = o 0813344

ANGLE OF 7ERO LIFT=DEGe = =1.777778
T/C AT ROOT = ,150

T/C AT TIP = L1180

ATIRSPEEN (MPH)= 50,000

EPSTU=NFEG. N. 000000

EPSTL=-NFGe = =4eN00000

CLMAX ROOT = 1,30000030

CLMAX TTIP = 41,2500000

. 282
3.386

YBAR FOR CLMAX = o420
WING MAXTMUM LIFT COEFFICIENT = 1.2198276

: GEOM THIST= =4,00000




APPENDIX A-~3-3

SCHRENK PLOT

2.00 4.00 6. 00 8.00
WASHOUT ANGLE (DEG)

Figure A-25. Maximunm Lift Coefficient vs Washout Angle
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APPENDIX A-4-2

FUSLAG PLOT
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Figure A-26. Fuselage Section y




APPENDIX A-5-1
WEIGHT AND BALANCE (WTNBAL)
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- 1 126.5
y 2 125,0
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L. 4 125.1
9 5  124,7
A 6 12u4,2
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ﬂ-.k 10 122.4
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X X 32 112,5
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. : 37 113,3
A i 38 109,8
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40 1n8,9
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- ¢ b 107,14
. 8 4S5  1N6,7
A b 46  106,2
4 c 47 105,8
E ¥ 48 1n5,3
= 4 49  104,9

b f 50 10404

FUFL WT

22450
22405
21.60
21.15
20470
2025
19.80
19,35
18,90
18.45
18,100
17.55
17.10
16465
16,20
15,75
15.30
14,85
14,49
13.95
13.50
13,05
12460
12.15
11.70
11,25
10.80
10,35
3.910
9. 450
9,000
8.550
84100
7650
7.200
e 750
6,310
5+830
5e04100
4,950
4.500
4.050
3.600
3.150
2,700
24250
1.800
1.350
«9000
e 4500

APPENDIX A-5-2

WINBAL OUTPUT

7CG FUEL

0.
-o1400
-, 2800
-s 4200
-.5600
-, 7200
=, AL QN
‘09800
-1,120
-1.260
‘1.“00
=1.540
-1 .68¢
-1,820
‘1|q60
-2.100
=2e.240
-2,280
-2.%20
‘2.660
=2.800
=2.,9L0
‘30080
‘3.220
‘3.?60
=2,500
-2.640
-2.,780
‘3.920
‘QQDGU
-A.ZGO
‘“03“0
‘“0“80
L4620
=h 760
-4 ,300
-F.G#O
-5,180
=-£,320
'5.“60
=5.,A00
=5.740
‘5.880
=6.020
‘6.160
=6,300
‘6.““0
‘6.550
-6.720
-6.860
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XC6

32,73
324 7h
32.75
32.75
32.76
32.77
32.77
32.78
32.79
32.79
32.810
32.81
32.81
32.82
32.83
32.83
32.84
32.85
32485
32.86
32487
32.87
32.88
32.89
32,910
32.910
32,91
32,92
32,93
32,93
32.94
32,95
32.96
32,97
32.97
32,983
32,99
33.00
33.01
33.01
33,02
33.03
33,01
33.75
33.76
33,07
33.07
33.08
33.09
33.10

Gl SRl L AR o ey

7CG6

2.523
24507
240493
24479
24466
20454
24443
20433
24 424
2.416
24409
20403
24398
2439
24391
2.389
24388
24388
24389
2391
24394
24399
2404
20011
20418
20 427
24437
244049
24461
2.475
2,490
2.506
24523
24542
24562
24583
24605
24629
24655
2.681
2.709
20738
24769
2.801
24835
2870
24907
20945
24985
34026




APPENDIX A-5-3

COMPONENT WEIGHTS AND LOCATIONS (WINBAL)

.
ke

ITEM WETGHT X Y 7
1 FUZL 2245 21,0 Ne e
5 PAYLDAD 2540 0,50 0 (s
; FUSELAGE 11.8 23,0 e s
9 : WING R 13.0 23,0 0o HeS "
A HORTZONTAL TATL 2,75 92,0 De 23.0
& VERTICAL TAIL L 129 92,40 -19,0 1,240
4 . yERTICAL TAIL R 1.29 8240 19,1 12.0
ALTZRON SERVO R 0200 3340 2640 Fe 00
| ALTERON SERVO L . 200 3340 -25,10 6e 0NN
RUDDER SERVO R . 200 3,0 19,0 B8sN0
RUDIDER SERVO L 0200 a3,0 =19.0 2,00
ELEVATOR SERVO 22010 93,0 Be 2% 0
ENGINE SERVO 02010 15340 : fe
SHROUD 1440 5,00 De €
£LECTRONICS £e50 17.0 un 0o
PROPFLLER 2400 5040 Ne 0o
3 GENFERATOR GeND L2.0 Ne fe
] ANOM L 1.95 6060 =180 Fe5 L
5 AONM R 1,95 Fled 1840 6e50
B BULKHEAD A 1,07 1549 e Ce
b BULKHFAD B 1.00 43,0 Te Ne
i I FUEL WT (LA = 22 5 TANK DIMENSTONS (IM) 2,0 X Te0 X 12843
E BASS AREA=132.2 SnIN
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APPENDIX A-5-4
CENTER OF GRAVITY SHIFT
[ap]
o -t 8
| w1 @]
] | o |X
3 CeX IS5 X-AXIS CG LBCATIGN
3 ™
& o
o R ceZz 15 Z-AXIS CG LOCATIGN
i m N
w | »
k [N} (V]
: Irm -
; L)cq LJEE
d \ ZN- 2T oa
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N . -
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5 _ Figure A-27. Center of Gravity Shift With Fuel Consumption




APPENDIX A-6-1

PERFORMANCE (DESIGN)
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APPENDIX A-6-2
DESIGN OUTPUT

S VST SL ¥sST 3K WETGHT VST (S=17,9)
12,0 57 470847 60,32940 135,0 52.67530
12.5 5654252 59,11050 133,0 52.28366
13,0 55 LLULED 57.,96261 131,0 51,88906
13.5 54,40806 56.87910 129,0 51,4914
14,0 53,42766 55,85417 127.0 51,09072
1 | 1445 52.40841 54,88272 125,.0 50,68683
3 > 15,0 51,61602 53,96025 123,0 50,27970
' § 15,5 50,77668 53,08279 121.0 49, 86925
1 1640 49,97700 52,24679 119.0 49,45539
I 1645 49,21395 51,449308 117.0 49,03804
3 17,0 4L8,L8LSBY 50,686A3 115.0 48.61710
b 17.5 47,7 8715 49,96749 113,0 48, 19249
f 18,0 4L7.,11877 49, 25875 111.0 47.76410
3 18,5 46 L7766 4LB,58853 109,0 47,33184
. 19,0 45,36204 47.944L94 107,.0 46, 89559
: 19,5 4L5,27025 47,32627 105,0 L6, 45525
20,0 44 ,70079 46,73095 103,.0 46,01069
E 20,5 4L ,15229 L6,15754 101.0 45.,56180
A 2140 43,62350 45.604704 99,0 45,10843
- 21.5 L2,11327 45,071 33 97.0 Lk, 65047
SPEEN R/C (FPM) CLIMB ANGLE EXCESS HP
5.0 0.0000 0,00 =6e 82166
10,0 0.090n 0,00 -2.12778
15.0 0.0000 0.00 -.08233
] 20,0 317.8762 10041 1.20408
. 25,0 585,671k 15,44 2. 21845
4 3000 840.1300 18456 3.18231
4 35,0 1024,2635 19,42 3.87979
3 40,0 1192,8723 19,81 Le51846
3 "S5, 0 1301.9795 19,19 4.93174
- 500 0 1401,378¢ 18,57 5430825
B - 55, 0 1468,3731 17.66 5.56202
A 60, N 1627,4553 16,82 5.78582
i 65, 0 1555,0711 15,78 5.89042
. 70, 0 1502,5964 14,13 563544
P 3, 7540 1396,8465 12,22 5,29109
= R0. 0 1234.6807 10,10 Le67682
i 85, 0 945,3107 7.26 3,58072
1 95,0 0.0000 0.00 -1,05518
3 100, 0 0.0000 0,00 =2,97050
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INPUT PARAMETERS

GROSS WETIGHT (LRS)
WING ARFA (SOFT)
ASPECT RATIO
LAUNCH SPEED {MPH)
SPAN EFFICIENCY
MAX CL

PARASITE CNO

PROP EFFICIENCY
SFC (LR/BHP=HR)
OPERATING ALY (FT)
TARGET NIST (MT)
MISSION TIMF (HR)
GENTRATOR PWR (WATTS)

OUTPUT PARAMETFRS

SPAN (FT)
MIN TURN RADIUS (FT)

L/7D MAX

AT SPEED (MPH)

AT ALPHA (DEG)

WING INCIDENCE (DEG)

MAX CLTIMB ANGLF (DEG)
AT SPEED (MPH)

OPER CLIME ANGLZ (DEG)
AT SPEED (MPH)

HP EXCESS, AVG
R/Cy AVG (FPM)

CRUISE SPEEN (MPH)
BHP AT CRUISE

FUEL WT CLIMB (LBS)
CRUISE
LOITER
TOTAL

FUEL FRACTION

TIME TO CLIMB (HR)
CRUISF
LOITER
TOTAL

DISTANCE, CLIMR (MI)
CRUISE
LOITFR

FUEL CARRIED (LA3S)
ENDURANCE (HRS)
COVERAGE (MI)
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125.000
17,000
60000
50,000
¢ 950
1.223

« 030

e 750
1.000
10000,00
100, 000
6,000
3n0.,000

10,100
120,022

12,216
624630
D.000
24511

19,809
40,000

16,816
60,000

Lo 94D
1304, 180

75.000
24399

1.949
2e 6404
14, 286
18,879

151

128
1.231
LebBh1
60000

T.668
92,232
28,083

20,000
5.005
3754406




cL

0245
0489
00734
<0978
e1223
<1468
01712
<1957
2201
$ 2446
¢2601
<2935
«3180
3620
«3669
«3914
4158
4403
clBL7
4892
5137
.5381
«5626
«5870
«6115
¢« 63680
«5608
«6849
+7093
.7338
«7583
«7827
«8072
«8316
«8561
+8806
«9050
9295
<9539
<9784
1,0029
1,0273
1,0518
140762
1.1007
1,1252
141406
1.17061
1.1985
1.2230

cn

03003
» 03013
« 03030
« 13053
« 03084
« 03120
«03164L
003214
« 03271
« 03334
« 03404
o 03481
» 03565
» 03655
» 03752
« 03855
¢ 03966
04083
«04L206
+ 04336
 N44L73
« L6117
04767
« NLA24
« 05088
« 05259
« 05436
» 05619
« 05810
o 06007
«06211
060421
+ 06538
« 06862
« 07093
«07320
W NT574
« 07825
« 08082
+ 083046
08616
+ 08894
+» 09178
«00LAB
« 00766
10070
«10380
«10608
11022
» 11353
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eB1043
1,62343
2, 42173
3,20424
2,96624
Le70303
5441199
6. 08869
6.73082
7.23629
7.90 260
Bol3178
8492039
9, 2694
9, 77945
10415117
10,8574
10478453
11,04910
11, 28115
11, 48249
11,65497
11,89047
11,92088
12, 01805
12, 09377
12,14978
12,18775
12, 20925
12,?21579
12,20876
12,18948
12,15917
12,11897
12,06993
12,01301
11,94911
11,87905
11.80356
11,72334
11.63900
11.55112
11466020
11,36671
11,27107
11.17367
11.070484
10, 97489
10,878611
10,77274

L1.5/0

—

12737
«35907
«BBRN?
1.00227
1,387065
1.80185
2.23942
2.69237
3.15804
3,62831
4,09968
L,56812
5.03018
E 48285
5,92363
fe35045
6.,76164
7.15593
7.53238
7.8903¢
8,22951
8.,54969
8,85008
9,13361
9,39793
9,6L44043
9,87367
10, 08627
10,28292
10, 46430
10.63116
10,78421
10,92419
11.05181
11,16778
11,27279
11,36749
11,45253
11.52852
11.59604
11,65564
11,70785
11,75316
11,79205
11,824L96
11,.85231
11,8744L8
11,89184
11.,90474
11.91351
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APPENDIX A-6-3
DESIGN PLOTS
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Figure A-29. Wing Area, Launch Speed, Weight
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Figure A-33. Fuel Consumption Sensitivity
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APPENDIX A-6-4
FUEL CONSUMPTION SENSITIVITY
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FLIGHT CONTROL




LIST OF SYMBOLS

aspect ratio

1lift curve slope, horizontal tail

effective aspect ratio of vercical tail

1ift curve slope, vertical tail

vertical acceleration with respect to Earth

wing span

vertical tail span

mean aerodynamic chord

drag coefficient

drag coefficient of the wing

coefficient of applied force in the x direction

coefficient of applied force in the z direction

lift coefficient

coefficient of applied roliing moment

change of rolling moment from a change of roll angular velocity
change of rolling moment from a change in yaw angular velocity
change of rolling moment from a change in sideslip angle

change of rolling moment trom z change of rudder deflection

change of yaw angle due to the vertical tail

change of rolling moment from a change of yaw angle due to
the wing

change of the 1lift coefficient due to a change of angle of attack

change of 1ift coefficient due to an change of angle of attack
of the tail

pitch moment coefficient

noefficient of applied pitching moment

B-1




; c change of pitching moment coefficient due to an change of
N mie incidence of the tail
Cm change of pitching moment due to a pitch angular velocity
q 3
Cm change of pitching moment due to a change of foreward velocity 3
u B
Cm change of pitching moment due to a change of angle of attack
o ;
C change of pitching moment due to a change of anglc of
o attack rate
t c change of pitching moment due to a change of elevator
. ! e deflection
: e
[ Cn change of yawing moment appiied
a
3 l'- Cn change of yawing moment due to a change of roll angular
4 p velocity
ﬁ Cn change of yawing moment due to a change of sideslip angle
B
Cn change of yawing moment due to a change of rudder deflection
T
< Cn change of yawing moment due to yaw angle of the fuselage
1 yfus
. Cn change of yawing moment due to yaw angle of the propeller
4 yprop
4 c change of yawing moment due to yaw angle with the propeller at
3 nxpprop cruise power
e cruise power
3 Cn change of yawing moment due to yaw angle with the propeller at
4 yprop full power
3 full power
;% C ' change of yawing moment due to yaw angle of the wing
A'; nq;wing
E Cw weight coefficient
Cx coefficient of forces in the x direction
Cx change in x force due to a change in pitch angular velocity
- q
- : Cx - change in x force due to a change in forward velocity
. . u
Cx change in x force due to a change in angle of attack
o
Cx- change in x force due to a change in angle of attack rate
L kel
. Cx change in x force due to a change in elevator deflection
8

G change in applied y force




C change in y force due to a change in sideslip angle

change in y force due to a change in rudder deflection
change in y force due to a change in roll angle

change in y force due to a change in yaw angle

iy
(o] o] (o]

< <

- O

s

y
4 Czw change in z force due to a change in pitch angular rate ]
_% ; Czq change in z force due to a change in foreward velocity
1 ! Czu change in z force due to a change in angle of attack
i % CZT change in z force due to a change in angle of attack rate
}ﬂ C;; change in z force due to a change of elevator deflection
e © span efficiency factor
g gravitational acceleration
i h altitude
1 | g hCMD conmanded altitude
4 b it incidence angle of the horizontal tail-
{ % Ix moment of inertia in x direction
;' r Ixz product of inertia
1 Iy moment of inertia in y direction
}\ ] Iz moment of inertia in z direction
F j square root of -1
f K correction factor for roughness
‘% 4 1ht length from the aircraft center of gravity to the horizontal
] tail quarter chord point
{ 1Vt length from aircraft center of gravity to vertical tail
i quarter chord point
| m mass
M Mach number
q dynamic pressure
" Re Reynold's number
B-iii




ht
S.M.

S
vt

T.F. 0.L.

T.F.
servo

Laplace variable

wing area

horizontal tail area

static margin

vertical tail area

time

thrust

open-loop transfer function
servo transfer function
settling time

perturbation of foreward velocity

ratio of perturbation of foreward velocity to total
foreward velocity

total foreward velocity
equilibrium foreward velocity
weight

distance between the aircraft neutral point and the center
of gravity

distance between the wing aerodynamic center and the air-
craft neutral point

vertical distance from the aircraft center of gravity and
the quarter chord point of the vertical tail

angle of attack

variation in angle of attack from equilibrium
sideslip angle

dihedral angle of the wing

elevator deflection

rudder deflection

correction factor 1 for the change in rolling moment due to
a change in yaw angle

B-iv
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4 ‘ ACl correction factor 2 for the change in rolling moment due to
3 P2 a change in yaw angle
; A1Cn correction factor 1 for the change in yaw moment due to a
E Y change in yaw angle
ﬁ AZCn correction factor 2 for the change in yaw mcment due to a
: 'l change in yaw angle
£ £ downwash angle due to the wing
;; 4 damping ratio
f: e ratio of dynamic pressure at the horizontal tail to the
} free stream dynamic pressure
;; Ny ratio of dynamic pressure at the vertical tail to the free
1 stream dynamiz pressure
1 C] perturbation of the pitch angle
.‘ Oo cquilibrium pitch angle
: OT total pitch angle
3 (3 t.se constant
: Tt ef ciency of the horizontal tail
5 vt efficiency of the vertical tail
y ¢ roll angle
ﬁ_ Y yaw angle or heading angle
-
.: wCMD commanded heading angle
I wGUST perturbation to the heading angle due to a gust
- e w natural frequency
n i
i ?;“‘
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APPENDIX B

FLIGHT CONTROL SUBSYSTEM

Introduction

The purpose of this section is to study the feasibility of very
low-cost stability and control for the Type II vehicle. The profile
and stability requirements of the Type I vehicle are more demanding
of the control system than the Type II profile. Both the Type I
dynamics and control tolerances are tighter than those of the Type II.
Type II dynamics involve only launch-and-climb and cruise-and-loiter
phases with no precise maneuvering required.

To achieve a very low cost system, as much commonality as possible
is desired between the Type I and II vehicles. Therefore, common air-
frame, control surfaces and servos are assumed. No optimization or
detailed design are used in Picking the common items since the more
demanding Type I requirements drive the selection. For this study,
nominal airframe and control characteristics are used to model the
recommended vehicle. A study is made of the feasibility of controlling
the Type II vehicle without using rate sensofs and rate feedback for

stability.

e i i— r———— o

A digital simulation of the closed-loop heading control and
altitude hold dynamics is developed to determine if the closed-loop
time response is acceptable. The assumptions used in developing

the equations of motion are detailed in Appendix B-1. The derivation




yields a set of equations that are linearized, decoupled approxima-
tions to the equations of motion, and the equations are valid for
small perturbations from an equilibrium position.

The aircraft dynamics, in the form of a tramsfer function, are used
with a servo and sensor model to simulate the nlosed-loop response.
The closed-loop dynamics are studied on a digital computer. The AFIT
ROOTL program (ROOTL, 1974) is used to plot the root locus which is
used to determine the closed-loop poles and system stability. The
AFIT PARTL program (PARTL, 1974) is used to determine the time response

to various inputs, primarily to step inputs.

Discussion

Flight Conditions. Nominal flight conditions that are considered

for this analysis are contained in Appendix B-2. Cruise and loiter
dynamics are identical, therefore only the cruise condition is analyzed.
Over 90% of the duration of the flight will be at the cruise condition.
Therefore, cruise is used as the design condition.

Equations of Motion. The digital simulation of an aircraft comes

from evaluating its equations of motion. The equations of motion are

a system of equations that contain the aircraft's stability coefficients.
The equations of motion have been de-coupled into sets of longitudinal
(pitch) and lateral (roll-yaw) equationms. Longitudinal and lateral
stability coefficients are developed in Appendices B-3 and B-4, respec-
tively. Cruise coefficients are developed in detail and the coefficients
for all the conditions of flight (launch, climb, and cruise) are summar-

ized in Tables B-2 and B-3, {in Appendices B-3 and B-4). The coefficients

el Rl 1 =
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are developed from analytical expressions since no wind-tunnel or
flight test data are available on this airframe for comparison.

The equations of motion and characteristic motions of the airframe

are developed in Appendices B-5 and B-6. The longitudinal characteris-
ﬁ tics include normal phugoid and short-period modes of oscillation. The
phugoid oscillation is lightly damped (z = 0.145) and shows up as a slowly
converging oscillation. The short-period mode is well damped (g = 0.6)
and rapidly dies out.

The lateral motion includes a moderately damped Dutch-roll mode

it

(¢=0.358) and a rapidly convergent roll-subsidence mode. This aircraft

also has a characteristic root indicating spiral stability.

Sensitivity Analysis. The equations of motion, as developed in

Appendices B-5 and B-6, are used in the study as a baseline set of
dynamics that are representative of an airframe that can be constructed.
The actual airframe that is built would not perform exactly as the
baseline dynamics predict. Therefore, a sensitivity analysis is done

in Appendices B-7 and B-8 to determine how sensitive the baseline

b dynamics are to changes in input parameters. A best-case and worst-

case set of dynamics are dew d by looking only at changes in the

3 = \
A damping ratio of the dominant oscillatory term in each of the\lpngitudinal
A \\.\

and lateral characteristic motions. A well-damped characteristic motion ~———

should provide well damped closed-loop dynamics. The best-case dynamics
come from changes that increase the damping ratio and the worst-case

results from a decreased damping ratio.

The dominant longitudinal oscillation is the phugodd oscillation.

s Combining terms that tend to increase the phugoid damping generate the




best-case dynamics. Worst-case dynamics result from combining all of
the terms that tend to decrease the phugoid damping. Similarly, the
damping ratio of the Dutch-roll mode in the lateral dynamics is used
to generate the best and worst cases of lateral dynamics, see Appen-
dix B-8.

Appendix B-7 shows that the aircraft can tolerate a 20% variation
in Cm . This variation is converted to an allowable range of location

a

for the center of gravity in Appendix B-9.

Servo and Sensor Models. Both a servo model and a sensor model

are used to complete the closed-loop analysis. The servo model is
developed in Appendix B-10. The sensors, a magnetcmeter for heading
and a pressure transducer for altitude, are both solid-state devices
and are modelled as unity gains. There are no lags associated with
thelr measurements.

Heading Control. To close the heading control dynamics, the

proper aircraft transfer functions are needed. Rudder-only turns
are used for heading control. Appendix B-11 develops the lateral
transfer functions for rudder inputs. The heading control loop to

be analyzed is shown in Figure B-1.

Servo Aircraft
Vi o " 5. v \y$
+ i ‘ 542 6r
Mggnetometer
) 1

Figure B-1. Preliminary Closed-Loop Heading Control
(No Compensation)
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3
~
3
)

Appendix B-12 gives the details of the analysis of the closed-loop

heading control. The lag of the servo drives the closed-loop dynamics
unstable. A cascade lead-lag compensator and reducpion of the gain are
included in the forward path, as described in Appendix B-12, to stabi-
1ize the system. The resulting time response for the three sets of
aircraft dynamics is shown in Figure B-2. The baseline airframe has

a settling time, to within 5% of a commanded input, of less than 20
seconds. A complete heading control circuit description, including

the lead-lag compensator, is presented in Appendix E-4,

5

1

WBRST CASE(X]
BASELINE(O)
- BEST CRSE(A) ;

1.00

HERDIN%}E?GLE(DEGREES]

16.00  24.00  32.00
TIME(SECONDS)

.00
o

o

m—q

o

o

Figure B-2. Comparison of Heading Control Step Response
for Varying Aircraft Dynamics




JQ ' Altitude Hold. The longitudinal dynamics are developed and in-

cluded in an altitude-hold system in Appendices B-14 and B-15. The
elevator provides control inputs for the airframe and a solid-state
pressure transducer senses and 1is used to feedback altitude. Figure

B-3 is a block diagram description of the altitude-hold system.

i S L s e e

g | Servo Aircraft

#3 |

1 h o ; h h

' §
+ s5+2 e
Pressure
Transducer
1

Figure B-3. Preliminary Altitude Hold Block Diagram
(No Compensation)

The combination of servo lag and aircraft dynamics produces an

unstable closed-loop system. To stabilize this system, a lead-lag

compensator and reduction of gain are included in the forward path,

and a lead-lag compensator is included in the feedback path (see

Appendix B-15).

Figure B-4 shows a comparison of the best-case, worst-case and

———

4 3‘ baseline time responses of the-altitude hold system, (also see Ap-

pendix B-16). The dominant time response is an exponential growth

to the final value. The baseline altitude-hold system requires 87

seconds to rise to 95% of the final value. The slow response is




acceptable in the altitude-hold loop since there will be few dis-

;% turbances from the nominal altitude, and precise control is not
e

required. A description of the altitude hold circuit is contained

in Appendix B-17.

1'5

l_
Ll
(TN
| T
— 8 BEST CASE
W - —
(_')—l
=
T BRSELINE
: 5 “""--HBRET CRSE
o
3 w'?_
4 oo
f e
—
. =l
1 -
Eé‘? | T T -
%. 00 80.00 160.00 240,00

TIME(SECONDS)

Figure B-4. Comparison of Step Response of
= - e e Altitude -Hold Circuit with Varying =
Alrcraft Dynamics

| Conclusions and Recommendations

Extended hands-off flying of mini-drones without a full-up auto-
pilot, using rate sensors for stability, is feasible. Both heading and

) altitude control can be accomplished, given proper compersation for

Lgi:)islg)l) in the forward path of the heading control loop

é ( stability. The cascade compensators that have been selected are:
( s + 10 in the forward path of the altitude-hold loop

|
(0.004) (s + 0.1)
B-7
|

e St e




3 (10) (s + 4)
A )

(s + 40 in the feedback path of the altitude-hold loop

The selected compensation techniques provide stztility over a range

of aircraft dynamics. It ig recommended that wind-tunnel or flight

testing be done to validate the simulation dynamics. Tais testing

should be accomplished to confirm that the simulation that has been

developed actually models the airframe that could eventually be

built,

B-8
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APPENDIX B-1

BASIS FOR THE EQUATIONS OF MOTION

The equations of motion that are used in this study are derived

from Blakelock (1965). The derivation uses a body-fixed reference

axis system with its ~cigin fixed at the aircraft center of gravity

(standard aircraft body-axis reference system).

Basic Assumptions

Aircraft has symmetry about the vertical plane through the center

of gravity (left and right sides are symmetrical).

An earth-centered inertial reference is used on conjunction with

a flat-earth assumption.

The mass of the aircraft remains fixed during the period of
dynamic analysis (10-60 seconds).

The atmosphere is fixed and rotates with the earth.

The aircraft always starts in a condition of equilibrium, and
disturbances arise from control inputs or other perturbations, such
as gusting.

The aircraft is assumed to be a rigid body.

Perturbations from the equilibrium are assumed to be small, so

the products of perturbations can be neglected, and small angle as-

sumptions apply.
Quasi-steady flow exists (valid for low mach number (M <0.8)).
These basic assumptions are used to generate a set of linear,

decoupled equations of motion. The equations are decoupled into a




3 set of longitudinal (pitch dynamics) and lateral (roll and yaw dyna-

mics) equations of motion.

%J : The final form of the equation, as derived by Blakelock (1965:21),

is as follows:

] Longitudinal Equations of Motion:

g | ; mU c \
=— 8=C 'u(s)¢f-— C s -C 'a (8) (B-1)
(Sq xu) <2U xd x, )

; - +(— %ﬁ Cx s—Cw(cosGT)> 0(s) = CF

q X

a

mU c '
{<-S; ol Czd) s—Czcl } a(s) (8-2)

mU c
+{<-§ - T Czq) s—Cw(sinOT)} O(S)‘CF

z
a

—Cm 'u(s) + {(— ‘Z:—U Cm )s - Cm } 'a(s) (B-3)
u ' & P

Sqc

E . Lateral Equations of Motion:

1 ' mU mU
‘ -Cy¢ ¢(s) + (’s? s - Cy¢> v(s) + ('s—q s - Cy8> (B-4)

| B(s) = Cy




I
b z 2
- 5 Cnp 8 > ¢(s) -(é;; 8

¥(s) ~ C,k B(s) = C
B a

The coefficients of the above equations are non-dimensionalized

coefficients, commonly referred to as "stability derivatives".




APPENDIX B-2

NOMINAL FLIGHT CONDITIONS FOR ANALYSIS

The three nominal flight conditions used in evaluation of the
stability coefficients are launch, climb, and cruise. Some of the

parameters associated with each of these conditions are contained

in Table B-1.

TABLE B-1. NOMINAL FLIGHT PARAMETERS

DYNAMIC LIFT DRAG NOMINAL
SPEED H(FT) PRESSUR% .COEFFICIENT COEFFICIENT WEIGHT
U(FT/SEC) ALTITUDE q(LB/FT

) CL ‘CD w(POUNDS)

Launch 73.33 0 6.394 120
Climb 88 " 5000 7.934 120

Cruise 110 10000 10.624 110
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APPENDIX B-3

EVALUATION CF NOMINAL LONGITUDINAL STABILITY DERIVATIVES

The following equations come from Blakelock (1965) and Perkins
and Hage (1949), except where noted. Aircraft planform and related
characteristics are taken from the airframe design, Appendix A, and
are summarized in Tables A-5 and A-6 and Figure A-10. Nominal éruise

stability coefficients are developed in detail below:

C
X
-3
aC
U 9T D
Cxu Sq du - 2CD =i du (8-7)
where
9T
o = -0.227 (from Figure C-17)
80
c = —X0 ___  (0.227) -(2)(0.06) - (110)(0)
X, (17)(10.62) ' '
C = -0,258
X
u
C
X
-2
aC
D
= C - —— -
Cx L a (8-8)
o
where
Ja T eA 3

(2)(0.68) (4.75)
m(0.93) (6)

= 0.369
B-13
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i S i i e i i S i

R e o et | g : e
T - so.
C, = 0.68-0.369 —
A e =
c = 0.311 “”
p'q
a
C
w
c = -2 (B~ 9)
w Sq
s o 110
(17) (10.62)
W
C
z
u
BCL
Cz = - 2 CL -U a_u_ (B-10)
u
= (-2)(0.68) - (110)(0)
C - — 1- 36
z
u
C
z
o acL
c. = % "m (B-11)
z
o
1 aC BCL
{ ‘ = - o since m— >> CD
1 ]
C = -4.75
: z
v o
:“ A
Cz.
0
C
am de
cz. 2 o1 do. (B-12)
Qo t
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&
3
A
4
1

with
2y _ *ntSnt .
3L, "t ¢S ht
- (o1 £4:58) (4.61) (3.09)
(.78 (17 —
- 2.16
and
de 4
do A+2
0.5
[-]e]
Cz (2)(-2.16)(.5)
- 2-16
c
Z
ac_
c (2)K —2
%q oL,
with
K 1.1
80
c, (2) (1.1) (-2.16)
7 q
g, = %75
q
c
m
o
; 3¢
o+ L
’ Cm (ScM-) "a_u'—_
o
B-15

i G i

(Seckel, 1964:60)

(Seckel, 1964:61)

(B-13)

(Blakelock, 1965:30)

(B-14)




Static Margin
L —002

s0

C = (-0.2)(4.75)

= -0095
c
M.
m. ol da c
o t
= 2(-2.16)(0.5) (4.58)
1 1.78
c = -5.,56
M.
¥ a
: o
m
— aC L
1 c = x-2B -2
i m i (4
E q t

= (2)(3.1)(-2.16) %‘3’3)'

B c = -12.23

since drag changes are negligible (Blakelock, 1965:25)

B-16
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C
X
Cx = 0 (B-18)
q
since drag changes are negligible (Blakelock, 1965:25)
C
n
-4
C = 0 (B~19)
m
u

since slipstream effects are negligible
(Blakelock, 1965:26)

The same methodology is used to generate the coefficients for
the other two flight conditions. The nominal longitudinal stability
coefficients for the three flight conditions are summarized in

Table B-2 (all coefficients are unitless or per radian).

B-17
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TABLE B-2. NOMINAL LONGITUDINAL STABILITY COEFFICIENTS

LAUNCH CLIMB CRUISE

c -0.389 -0.384 -0.258

c -0.568 0.568 0.311

C =2.44 -2.44 -1.36

C -40 75 -4c 75 -4c75

c -2.16 -2.16 -2.16

C -4.75 -4.75 =4.75

c -0.95 -0.95 -0.95

Y

3 C -5.56 -5.56 -5.56

m

a a

c. -12.23 -12.23 ~12.23
' Ky

Et B-18
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APPENDIX B-4

EVALUATION OF NOMINAL LATERAL STABILITY DERIVATIVES

The following equations come from Blakelock (1965) and Perkins
and Hage (1949), except where noted. Airframe planform and related
characteristics are from Appendix A and are summarized in Tables A-5
and A-6 and Figure A-10. Nominal cruise coefficients are generated

in detail below.

Co
=P
Cz - = =0.,45 (Perkins, 1949:357) (B-20)
P
C
*e
C = =C (B-21)
ZB Zw
where
Cz is composed of the following four components
v
Cz¢ = C2¢ + Cz¢ + ACzw + Acz¢ (B-22)
wing vert 1 2
tail
(Perkins, 1949:323)
with Cz
C - I' + AC
2¢ T Zw
wing tip
shape
- (0.75)(5)(57.3)
= 0,0653
B~-19




and
th
3 CE\P ) an ot
o vert vert
1 tail tail
S S 13
1 vt S b vt 2'n L
3 L L
. where A.v , the effective aspect ratio of the vertical tail is:
i e
bvtz
A = 1.55 (Perkins, 1949:325)
v S
e vt
_ .55 a5?
g 210
- = 1,66
A which yields
8, = 2,21 T ___ (Perkins, 1949:324)
\\_
8180 “\“\_\-
- A,C = ,0287 (Perkins, 1949:324)
1 n
! v
- therefore
E . (-2.21)(1.46)(4.59)(1) 0.595
®%4 (17) (10.1) + 0.0287 %5y
. | vert
- She tail
A = -.0149
f_ | also
4 AC = 0344
3 . %
" wl
i, and
14 i‘ ACR, = -00092
)

B-20
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- W CeNe 4 3 TR, 5 "
i Lo e ok 4
5 3 4 s b } s "
i = it W St s N
B
-
b
e
-3

80

c = C + C, + AC, + AC,

¥ v

wing vert

tail
= 00,0633 - .0149 + .0344 - .0092

c = 0.0756

c = -0.0756

T A PSS E Y
)
<

Cz
L
C
L
Cog e (B-23)
l r
: _ 0.68
4
= 0.17
- c
4 n
- -C
1 L de
L s & = 5 d-3 (B-24)
4 = . 8 do
3 086 (1 - 0.5) —
- = -0.0425
{
ri s C
Ry
IR -Cg Sve *wt
C“r = -, 3 5 (8@ (B-25)
;\ where the factor of 2 is for two tail surfaces
; .
= ’ - _0.03 _ (1.46) (4.58)°
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T ;. ek : = o . i :}!Q“’? - 4 ;* L b ;
3 s
.; ¢,
—%
1 c = 2 (050 (B-26)
1 S T
Y¢ q
- 110 o
17 (10,62 ¢°8 0
= 0.609
_: Cy
1 .
2 S T
Yy q
110 R
an (0.6 o0
= 0.0
Cn
8
C = -C (B-28)
nB nw
where
c, = C +A0C 0+ C +C
¥ wprop v wfus wwing
c = -0.00573
ST n,
T prop
windmilling
\\ —
C = (1.5) (-o.oom\
nw SR
prop T
! full power TT—
L = -0.00745
A A.C = -0.0115
4 1n
Y Y
c = 0,0195
™
fus

B-22
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c = -0.00613

c = ~0.00745 - 0.0115 + 0.0195 - 0.00613

= ~0.0056

C = 0.0056

1 ation, so use C = -0,6 (Blakelock,
CyB has no simple equ ’ yB 15655113

The same methodology is used to generate the stability coefficients

for the other two flight conditions. The nominal lateral stability co-

efficients for the three flight conditions are summarized in Table B-3

(all coefficients are unitless or per radian).
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TABLE B-3. NOMINAL LATERAL STABILITY CCEFFICIENTS.
LAUNCH CLIMB_ CRUISE
c, -0.45 ~0.45 -0.45
P
c, ~0.0756 -0.0756 -0.0756
B
c, 0.31 0.31 0.17
r
c. -0.0763 -0.0763 -0.0425
P
c -0.177 -0.177 -0.164
nr
c 1.08 0.87 0.609
Y4
c 0.23 0.185 0.0
4"
c_ 0.0069 0.0069 0.0056
B
c -0.6 -0.6 -0.6
Vg
N
B-24
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APPENDIX B-5

LONGITUDINAL DYNAMICS AND CHARACTERISTIC MOTION

The longtitudinal stability coefficients are used in the appropri-
ate non-dimensionalized equations of motion from Appendix B-1 to
generate the following set of equations for cruise conditions:

(2.081s +0.258) u(s) + (-.311) o(s) + (.609) ©O(s) = Cp (B-29)

X
a

(1.361) u(s) + (2.081s + 4.75) a(s) + (-2.081) o(s)= CF (B-30)

4
a

(.045s +0.95) o(s) + (.0223s> +0.0998) 0(s) =c. (3D
a

Similar sets cf equations can be generated for take-off and climb
conditions. The characteristic equation is determined by setting the
determinant of the coefficients of the above equations equal to zero.
The characteristic equation of the homogeneous solution (zero forcing
functions) for the system of equations is generated and factored to
yield the characteristic motion.

The longitudinal characteristic motions for the three conditions
of flight are summarized in Table B-4.

TABLE B-4. LONGITUDINAL CHARACTERISTIC MOTION

PHUGOID SHORT PERIOD i

NATURAL DAMPING NATURAL DAMPING 3

FREQUENCY RATIO FREQUENCY RATIO 3

w_(rad/sec) 4 w_(rad/sec) g 4

n o ]
;Q

Take-off  0.559 0.053 5.8 0.67 é
Climb 0.528 0.077 6.35 0.64 ]
Cruise 0.393 0.145 7.26 0.602 i
:
B-25




APPENDIX B-6

LATERAL DYNAMICS AND CHARACTERISTIC MOTION

The lateral stability coefficients are used in the corresponding

non-dimensionalized equations of motion, from Appendix B-1, to gener-

ate the following set of equations for cruise conditions.

(<0.609) $(s) + (2.0818) + y(s) + (2.081s + 0.6) B(s) = Cp (8-32)
ya
(0.0024s% + 0.02078) ¢(s) + (0.0002s2 - 0.01428) ¥(s)
+ (0.0756) 8(s) =C, (B=33)
a

(0.0002s% + 0.0016s) ¢(s) + (0.0061s% + 0.00758) ¥ (s)

+ (0.0057) B(s) =C_ (B-34)
a

Similar sets of equations can be generated for take-off and climb
conditions. The characteristic equation arising from the system of
equations with the forcing functions equal to zero is solved for the
characteristic motion. The lateral characteristic motions for the three

conditions of flight are summarized in Table B-5.

TABLE B-5. LATERAL CHARACTERISTIC MOTION

DUTCH ROLL
NATURAL DAMPING SPIRAL ROLL
FREQUENCY RATIO STABILITY SUBSIDENCE

uh(rad/sec) A3

k- Climb  1.767 0.381 -0.301 -8.12
3 Cruise 1.649 0.358 ~0.409 -8.76
B-26




APPENDIX B-7

SENSITIVITY ANALYSIS OF LONGITUDINAL STABILITY COEFFICIENTS

Each of the longitudinal stability coefficients are changed from
their nominal values. The resulting changes to the characteristic
motion are contained in Table B-6. In general, plus and minus twenty
percent changes are used. The weight terms and a 1ife related term,
Czu’ are varied only ten percent, since the weight change due to using
fuel can only vary ten percent around the nominal.

The best case and worst case result from looking at the damping
ratio of the phugoid. The phugoid is a long-period lightly-damped
oscillation which is the dominant longitudinal characteristic motion.
Increasing and decreasing the damping ratio of the phugoid are used to
define the best-case and worst-case dynamics. The best case is a
combination of all of the changes that increase the damping ratio.
The worst case is a combination of all the terms that decrease the

damping ratio. The best-case and worst-case characteristic motions

are included in Table B-6.

B-27
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TABLE B-6. LONGITUDINAL SENSITIVITY

STABILITY PERCENT SHORT PERIOD PHUSOID
,_ DERIVATIVE | CHANGE
NATURAL DAMPING | NATURAL | pamprNe
1 FREQUENCY RATIO FREQUENCY RATIO
mﬂ{rad! sec) 1 wn{rad.-" sec) 4
4 1 |
{ ) faseline 7.264 0.602 0.393 0.145
Weight +10% 7.200 0.593 0.378 0.136
F | -10% 7.342 0.613 0.410 0.156
4 c, +20% 7.264 0.602 0.393 0.177
X ‘ u -20% 7.264 0.602 0.393 0.113
c +10% 7.264 0.602 0.412 0.137
E Zu ~10% 7.264 0.602 0.373 0.154
c +20% 7.828 0.559 0.399 0.143
™ -20% 6.652 0.658 0.384 0.148
C +20% 7.404 0.651 0.386 0.148
B -20% 7.121 0.551 0.401 0.142
1 C +20% 7.264 0.602 0.393 0.147
"u -20% 7.264 0.602 0,393 0.143
C +20% 7.264 0.630 0.393 0.145
: G ~20% 7.263 0.575 0.393 0.145
g~ Best Case 7.684 0.791 0.370 0.215
3 lﬂntst Case 6.948 0.457 0.409 0.096
? » )
e ‘,"‘
B-28
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APPENDIX B-8

SENSITIVITY ANALYSIS OF THE LATERAL STABILITY COEFFICIENTS

The sensitivity of the characteristic motion of the aircraft to
changes in stability coefficients is determined by varying one coef-
ficient at a time. In general, the changes are plus and minus 20%
from the nominal. The weight terms are varied only 107%, which is the
actual weight variation due to fuel flow.

There is no simple relationship to gererate the CyB term. A
nominal value of CyB =-0.6 was selected (Blakelock, 1965:112). The
sensitivity of CyB is checked for an increase of 50% and a decrease
of an order of magnitude.

The best case and worst case dynamics result from looking only
at the damping ratio of the Dutch roll mode. The Dutch roll oscil-
lation is the dominant characteristic oscillation of the lateral
response. Therefore, increasing and decreasing its damping ratio
is used to define the best and worst case dynamics. The best case
is the combination that increases the damping ratio. The worst

case is the combination of terms that decrease the damping ratio

(see Table B-7).
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TABLE B-7.

LATERAL SENSITIVITY

STABILITY CHANGE DUTCH ROLL SPIRAL ROLL
COEFFICIENT STABILITY SUBSIDENCE
NATURAL DAMPING
FREQUENCY RATIO
W n(rad/sec) L
BASELINE 1.649 0.358 -0.409 -8.760
Weight +10% 1.559 0.295 -0.38 -7.294
-10% 1.775 0.435 -0.442 -11.011
C, +20% 1.564 0.391 -0.381 -10.453
P -20% 1.767 0.308 - 0.440 -7.110
Ce +20% 1.751 0.318 -0.446 -8.782
B -20% 1.546 0.403 -0.358 -8.738
C +20% 1.595 0.404 -0.539 -8.761
oy -20% 1.688 0.307 -0.299 -8.760
c +20% 1.713 0.355 -0.366 -8.760
P -20% 1.582 0.355 -0.459 -8.760
C +50% 1.698 0.394 -0.386 -8.762
YB -90% 1.563 0.278 -0.455 -8.757
BEST CASE 1.536 0.597 -0.471 -13.164
WORST CASE 1.815 0.180 -0.325 -5.991
B-30




APPENDIX B-9

NEUTRAL POINT AND CENTER OF GRAVITY LOCATION

The locations and relationships of the wing aerodynamic center
(quarter-chord point of the wing), the center of gravity of the air-

craft and the neutral point (aerodynamic center) of the aircraft are

shown in Figure B-5.

Aerodynamic Center
Center of Gravity

Neutral Point
I
C_l'* )
e
—a —

Figure B-5. Aerodynamic Center, Center of
Gravity and Neutral Point Locations

L

(o]

The aircraft neutral point (aircraft aerodynamic center) is
located the distance X, behind the wing aerodynamic center. The
distance, X » can be found using the following relationships:

C

%o de Lo‘t Svtzvt
re = (1 - do CL T"vt Sc (B-35)
o

(Dommasch, 1951:382)




3.09 4,61 4.58
@-0.5 755 O =77 7178

= 0,227
80
x = (0.227)(c)

= (0.227)(1.78)

= 0.404 feet

= 4,85 inches

The distance between the neutral point and the aircraft center

of gravity, x is determined by the static margin. A static margin of

-20% is recommended as a starting point for this type of vehicle

T T Ry T, (AR P TS T TR A
- E
-

v

(Bair, 1975:12). (The negative value of x indicates that the center
of gravity is in front of the neutral point, which is required for a

stable aircraft.)

f = Static Margin

] = -0.20
:

] 80

ke .

;».

g X = (-0.20)(s)

4 ;

k1 = (-0.20)(1.78)
;- = -0,356 feet

(_ = -4.27 inches

These calculations result in a theoretical difference between the

center of gravity and the wing aerodynamic center of about one-half

an inch. Therefore, the center of gravity of the aircraft is con-

B-32
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sidered located at the wing aerodynamic center (quarter chord point

of the wing).

f Appendix B-7 shows that + 20% changes in Cm are not excessive
(]

and do not drastically affect the aircraft stability characteristics.

3 N A 20% change in Cm directly relates to a 20% change in static margin,

o

B see Eq (B-14), which can be used {:0 calculate the allowable range for

center of gravity. For a 20% increase in static margin Eq(B-36) yields

« = -5.13 inches. For a 20% decrease {n static margin Eq(B-36) gives

x = =3.42 inches. This indicates that the location of the center of

/gravity moves through 1.71 inches to vary the static margin by + 20%.

!

It is expected that the variation from aircraft to aircraft will be

miach less than this.

B-33
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APPENDIX B-10

SERVO TRANSFER FUNCTION

The proposed control loops involve servos, which must be mathe-
matically modelled to be included in the closed-loop analysis., The
response of the Kraft KPS-16 servos, that are proposed, is highly
non-linear. As a first order approximation the servos are modelled
as a simple, linear, first-order time lag.

The servo response reaches 957 of the final value in one second

and travels the last 5% in one-tenth of a second. Figure B-6 shows

that an exponential of the form, f(t) = l-e-t/T with t =0.5, is an

approximation to the response of the servo. The appropriate transfer

function is:

ACTUAL
SERvVO

i

1.0

0.50

o
L

0.50 1.00 1.50 2.00
TIME(SECONDS)

RESPONSE(PERCENT)

Figure B-6. Exponential Approximation of the Linearized
Response Curve of the KPS-16 Servo




APPENDIX B-11

LATERAL DYNAMICS WITH RUDDER_INPUT

The forcing functions involved with rudder inputs are evaluated

to determine the lateral dynamics which result from rudder inputs.

) L
= - vt _Vt n . -
Cn6 a T 5 vt(2) (Perkins, 1949:250) (B-38)
r

(The factor of two is included since this aircraft has two

rudders)

b
yt (Perkins, 1949:325) (B-39)

Using Av = 1.55'§~——
e vt

yields

a = 2.21/rad (Perkins, 1949:250) (B-40)

also
LY = 0.5 for 30% rudder (Perkins, 1949:25 ) (B-41)
1.46 4.58




c
Vs
r
C = %%—- C
b vt 08
r T
10.1
c = (.1898
Vs
T
C
L
r
z S
vt vt
026 avtTvt b S ()
T
_ 10.1 -

" (2'21)(0'5)°i%7i’ liéﬁ 2)

= 0.0188

(B-43)

(B-44)

The AFIT TRANFUN program (TRANFUN, 1974) is used to generate

transfer functions given a system of equations. These forcing func-

tions and the basic lateral equations of motion, that are developed

in Appendix B-6, are used to generate the transfer functions associated

with a rudder input.
The transfer functions are:

¢(8)  _ 9.03 (s +4.14) (s - 12.37)

§_(s) (s + 0.587 * 1.5421) (s + 0.409) (s + 8.76)
o(s) . =14.41 (s +0.0779 * 1.0074) (s + 8.75

Gr(s) s (s + 0.587 + 1.5423) (s + 0.409) (s + 8.76)
B(s) _ 15.33 (s - 0.166) (s + 8.511)

sr(s) (s + 0.587 + 1,5421) (s + 0.409) (s + 8.76)
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APPENDIX B-12

CLOSED-LOOP HEADING CONTROL DYNAMICS

Closed-loop navigation is accomplished using a magnetometer to
sense and continuously feedback the aircraft heading angle, ¥, while
in flight. This is compared with a commanded heading angle, wCMD’
which comes from the navigation scheme, to generate an error signal
e, The error signal drives a servo which generates a rddder deflec-
tion, 6r. The aircraft responds to these rudder reflections to produce
a heading change. The transfer function for the heading response is
; ?s) as developed in Appendix B~11, The closed loop system is shown
i: Figure B-1.

Servo Aircraft
¥omp e . 6r o Y A >
+ 542 ,6r
Magnetometer
S

Figure B-1. Preliminary Closed-Loop Heading Control
(No Compensation)

B-37




RN ST e

The open-loop transfer function, Eq(B-48), 1s used to plot a root
locus of the closed-loop heading control system.

-2y (=41.41) (s+0.0779 X 1.007 g+8.7

TR . = ()(5+2) (s+0.587 ¥ 1.542]) (s40.409) (s +8.76) (B-48)

Figure B-7 is the agsociated root locus plot. The roots in the
right-half s-plane indicate an unstable oscillating system. Figure B-8
shows the system repponse to a step change in commanded heading. These
divergent oscillations in the time response are totally unacceptable.

The inherent lag of the servo contributes to the unstable oscillations.

12.
\ i

4,00

G ANGLE(DEGREES)
-4.00

HERDIN
12.00

4.00 6. 00 o=
TIHE[SECUNDS]

0.00 2.00

F:gure B-8. Unstable Time Responseé of the Heading Control System
(No Compensation)
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The open-loop transfer function, Eq(B-48), 1s used to plot a root

locus of the closed-loop heading control system.

= (=2)(-41.41) (s+0.0779 * 1.0074) (s+8.74) (B-48)
T-Fo,L. T Ce)(5+2) (s+0.587 + 1.5621) (s+0.400) (s ¥ B.76)

Figure B-7 is the associated root locus plot. The roots in the
right-half s-plane indicate an unstable oscillating system. Figure B-8
shows the system response to a step change in commanded heading. These
divergent oscillations in the time response are totally unacceptable.

The inherent lag of the servo contributes to the unstable oscillations.
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Figure B-8. Unstable Time Response of the Heading Control System
(No Compensation)
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Figure B-7. Root Locus Plot of the Uncompensated Heading Control

System.
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Two methods that can be used to stabilize the system are: a reduc-
tion in gain, which moves the operating point along the original root
locus, or a cascade compensator, which can vary the branches of the
root locus and move them into the stable left-half s-plane. Cascade
compensation, by moving them into the left-half s-plane, provides a
larger gain margin than that which is provided by a gain reduction
technique (gain margin is used here to mean the difference in gain
required to move along a root locus branch from a satisfactory
operating point to the imaginary axis, which is approaching an
unstable operating point).

A lead-lag compensator of the form f{%—%a provides for adequate
time response of the system without the need for any other gain reduc-
tion. Various compensators are checked for adequate compensation using
the ROOTL program. The above compensator is selected because it has
the greatest effect on moving the root locus left to the stable region
of the s-plane and provides a large gain margin. The resulting gain
margin is slightly over one order of magnitude (3db). A block diagram
of the closed-loop system, with the compensator included, is shown in

Figure B-9.

The time response of the system comes from the closed-loop trans-
fer function. The poles (denominator roots) of the closed-loop transfer
function come from the operating points on the root locus, see Figure
B-10. The zeros, or numerator roots of the closed loop transfer func-
tion, are a product of the forward path zeros, forward path gain, and
feedback path poles (Houpis, 1960:206). The ciosed-loop transfer
function for heading angle produced by the aircraft from a commanded

heading input is Eq(B-49).
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Figure B-9, Heading Control Block'Diagram with Compensation.
Y(s) _

Youp (8)

(B-49)
1 28.82 (5+0.0779 £ 1.007§) (e48.734) (s + 1)
3 (s+0.152 + 0.6313) (s+0.828 + 2.131) (s+1.28) (s¥10.3) (s+8.75)

The PARTL program is used to get the time response of the system.

3 The response to a step input, of the baseline aircraft in the closed-~
fx loop system, is shown in Figure B-11. The time response is a damped
f‘ oscillation. The oscillations are well damped and the aircraft changes
ﬁ“ heading to within 5% of the commanded value within twenty seconds.
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Figure B-11. Time Response of Heading Angle
for a Unit Step Input of Commanded
Heading Angle
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Gain reduction is added to improve system response. Table B-8
shows the dominant oscillatory term and corresponding settling time

which come from reducing the gain from the baseline of 28.82. Reduc-

ing the gain does reduce the settling time. Figure B-12 compares the

system time response with the baseline gain of 28.82 and a 60% gain

| reduction to 11,53,

TABLE B-8. DOMINANT RESPONSE FOR VARIOUS VALUES OF GAIN

E | Open- Duth Roll Damping Settling
fﬁ Loop Ratio Time

1 Gain Natural E T, (sec)

: Frequency

4 wy (rad/sec)

E‘ ) 28.82 0.65 0.23 20.1

5 17.29 0.54 0.34 16.3

1 11.53 0.45 0.43 15.5

] 5,76 0.33 0.63 14.4

] 2—BASELINE GAIN(K=28.82) |
o -~ 4 60% GAIN REDUCTIGN(K=11.53) | 1
fu cntj 1
4 woe ]
O
ﬁ ; ?’
i | .
& =z
3 ] G:Eg 1
- OS]

9 z 3
- =
&
wa
. g , - -
B s . 00 10.00 20. 00 30.00
" TIME(SECONDS)

Figure B-12. Comparison of Heading Step Respone
for Two Values of Gain
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Through block diagram manipulations, two more elements of the
system are studied, rudder transients and response to gusts. The
rudder deflection, Gr, is considered the output with aircraft dyna~
mics and magnetometer in the feedback path. The transfer function

in Eq(B~50) is generated and used to output the rudder transients.

§.(s)
Youp (8) (B-50)
=0.8 (s) (s + 1) (s + 0.587 % 1.5424) (s + 0.409) (s + 8.76

(s+0:152 + 0.6313j) (s+0.828 + 2.135j) (s+1.283) (s+8.753) (s+10. 35)

Figure B~13 shows the resulting time response of rudder deflec-
tion given in a unit-step change in heading command input. The rudder
transients damp out with the same characteristic oscillation as the
aircraft and the final value of rudder deflection is zero. So once
the aircraft is stabilized on the commanded heading angle, no further
rudaer deflection is required. The peak rudder deflection required

for a 10~degree change in commanded heading is about 0.6 degrees

rudder deflection.
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Figure B-13. Time Response of Rudder Transient
Given a Unit Step Input of Com-
manded Heading Angle

Heading changes due to gusts are input, as shown in Figure B-9, as
a direct change in the aircraft heading. This give a forward path with
a transfer function of one and thé compensator, Servo and aircraft con-
gsidered in the feedback path. Eq(B-51) is the closed-loop transfer
function for the gust dynamics and is used to generate the response of

the system to gust inputs.

s
Yeust ) (B-51)

(s) (s+2) (s+10) (s+0.587 + 1,5424) (s+0.409) (s+8.734)
(s+0.152 + 0.631j) (s+0.828 t_2.135j)(s+1.283)(s+0.753)(s+10.35)

Figure B-14 shows the closed-loop response to a step change in
heading angle. Initially, the heading error equals the input gust and
damps from there to zero. In a steady-state sense, the response to

gust inputs is damped to zero and the aircraft responds only to the
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APPENDIX B-13

BEST-CASE AND WORST-CASE CLOSED-LOOP HEADING CONTROL DYNAMICS

The analysis in Appendix B-12 is repeated with the compensator
and servo as developed there,while varying the aircraft dynamics from
the baseline. The best-case and worst-case dynamics are defined in
Appendix B-8. Techniques of Appendix B-11 are repeated for the best
and worst case to generate the corresponding aircraft transfer func-

tions as shown in Eq (B-52) and (B-53).

Best Case:

y(s) _ -17.94 (s + 0.128 + 0.819j) (s + 13.05)
Gr(s) s (s + 0.917 + 1.2323) (s + 0.471) (s + 13.16)

(B-52)

Worst Case:

y(s) -12.04 (s - 0.00429 + 1.2163) (s +5.999)

5.(3) "3 (s +0.325) (s + 0.326 + 1.785)) (s + 5.551) (8=33)

Closed-loop heading control transfer functions are given in

Eq (B-54) and (B-53).

Best Case:

() =
wCMD(s)

14.35 (s + 1) (s + 0.128 + 0.8193) (s + 13.05)
(s+0. 214 + 0.222]) (s+1.091 * 1.4123) (s+1.599) (s+10.09) (s+13.16)

(B-54)
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Worst Case:

y(s)

bop'® =

9.63 (s + 1) (s - 0.00429 i. .215) (s + 5.999) (B-55)
(s+0.147 + 0.6973) (s+0.5 # 2.146) (s+1. 405) (s+5.992) (s+10.28)

Figure B-2 shows a comparison of the best-case, baseline and
worst-case time response to a step input. Table B-9 has a similar

comparison.

5

.
J

1

WORST CASE(X]
BASELINE(O)
BEST CRSE(A)

1.00

0.50

i

HEADING ANGLE(DEGREES)

o

o

.00 8. 00 16.00 24.00 32.00
TIME(SECONDS)

Figure B-2. Comparison of Heading Control Step Response
for Varying Aircraft Dynamics

The combination of increasing natural frequency and decreasing
damping ratio results in settling times approximatdy equal for all

three sets of dynamics.
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TABLE B-9. COMPARISON OF BEST-CASE, BASELINE,
AND WORST-CASE HEADING CONTROL DYNAMICS
DUTCH ROLL SETTLING
TIME
NATURAL DAMPING T (sec)
FREQUENCY RATIO £
wp (rad/sec) T
BEST CASE 0.56 0.27 19.8
BASELINE 0.65 0.23 20.0
WORST CASE 0.71 0.21 20.1
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APPENDIX B-14

LONGITUDINAL DYNAMICS FOR ELEVATOR INPUT

The coefficients involved with elevator inputs are evaluated to

determihe the longitudinal dynamics that result from elevator inputs.

For the full-flying horizontal tail Cm =C .

m
Ge it

®, ) (s.)
- . ht ht
Cm‘S = Tt (c) (s) Tht

e

T2 1
[1+ (A/2) ]

(Seckel, 1965:60)

7 (Seckel, 1964:60)

(B-56)

(B-57)

where
= 41.5
A 16
= 2,59
(1) (2.59
£=]e] a =
ht 1+ [1+ (2559) 2) 1/2
= 3.09
- (4.58) (4.61)
and Cm(S 3.09 .78y (A7) (1)
e
C = _2.16
.
e
CZ
§
e
c, = %—- c (Blakelock, 1965:31) (B-58)
5, ht mae
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A
-
1
- 178
4.58 (2:16)
J c, = -0.8395
§
1 e
E c,
li- ‘ Ge
|
] C, = 0 drag effects are negligible
4 8
4 o (Blakelock, 1965:31)  (B-59)
F ' The TRANFUN program is used with these forcing functions and the

basic longitudinal equations of motion developed in Appendix B-5, to
generate the transfer functions associated with an elevator input.

TRANFUN generates the following transfer functions:

'u(s) _ -0.0603 (s + 4.378) (s - 226.06)

5(s) ~ (s + 0.0569 + 0.38883) (s + 4.375 * 5.799) (B-60)
'a(s) _ =0.4034 (s + 0.0616  0.4291) (s + 244.5) (B-61)
E | 5.(s) ~ (s + 0.0569 ¥ 0.3888]) (s + 4.375 ¥ 5.799))
8 (s) _ -96.05 (s + 0.175) (s + 2.072) (3-62) 1
: 5.(s) ~ (s + 0.0569 ¥ 0.3888)) (s + 4.375 ¥ 5.7993)

L e
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APPENDIX B-15

CLOSED-LOOP ALTITUDE HOLD DYNAMICS

Closed-loop altitude hold is aécomplished by using a solid-state
pressure transducer to sense and continuously feedback the aircraft
altitude (h). Measured altitude is compared with a commanded altitude
to generate an error signal (e). The error signal is the input to a
servo which generates an elevator deflection (Ge) resulting in air-
craft pitch and angle of attack changes and finally the desired changes
in altitude.

Aircraft response to elevator inputs is developed in the form of
a transfer function. Eq (B-63) and Eq (B-64) are combined to form the
necessary transfer function. The acceleration a, is defined with res-

pect to the earth.

h =--% a, (Blakelock, 1965:97) (B-63)
8
aZ
vith -2 = y /o, , (Blakelock, 1965:72) (B-64)
e o= - » )
e 3
e
VAR
h ___of_ a_8 a
s 5 " 2(5 a) (B-65)
e e e

%— and Eﬁ transfer functions, from Appendix B-14, are used to generate
e e

Eq (B'66)’

h(s) _-44.33 (s + 0.0801) (s + 21.86) (s - 23.11)
Ge(s) s(s + 0.0569 + .3888j) (s + 4.375 + 5.7993)

(B-66)
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G b e a

ﬁ The closed loop altitude hold system is shown in.Figure B-3.

!

% Servo Aircraft
A | h
! i ewp e G Se i
g ! + s+2 B
% | Pressure
; i Transducer

1 el
1

Figure B-3. Preliminary Altitude Hold Block Diagram
(No Compensation)

The related open-loop transfer functionm, Eq (B-67), is used to

plot a root locus of the closed-loop altitude-hold system.

T.F _ (=2 (=44 .33) (s+0.(801) (s+21.86) (s=23.11) (B-67)
‘Feo.n. T () (s+2) (s+0.0569 + .38883)(s+4.375 5.7993)

An unstable system is indicated by the associated root locus,
Figure B-15, with branches in the right-half s-planes As in the

case in the heading control loop, the lag of the servo combined with

the aircraft dynamics produces an unstable oscillatory system response.

Cascade compensation and gain reduction are used to generate a

] stable system response. Two lead-lag compensators are used, one in the

forward path and one in the feedback path. Gain reduction anywhere from

¥ 60% to 80% is recommended and should be selected depending on the desired
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Figure B-15. Root Locus Plot of the Uncompensated Altitude Hold
System.
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system response and gain margin. The gain margin is Jjust under one order

of magnitude (3 db) for the 80% 8ain reduction and ig only about a factor

of four (1 db), less than half an order of magnitude, for a 60% gain red-

o ; uction.

The lead-lag compensator for the feedback path is lgééliz%l and

it provides unity feedback for the steady-state system. A lead-lag

compensator of the formg-'04 E: I géi) is included in the forward path

which, combined with the faccor of 10 in the feedback path, gives a

gain reduction of 60%. The closed~loop 8ystem with compensation ig

shown in Figure B-16,

;g ( Compensator Servo Adrcraft hGUST
Pressure
Compensator Transducer
1 W,

Figure B-16. Altitude Hold Block Diagram (with Compensation).

The closed~loop transfer function has as its poles the operating

a points of the root locus, Figure B~17. The numerator is a product of the

forward path zeros, forward path g8ain and feedback Poles. Eq(B-68)

| represents the closed-1oop altitude-hold dynamics.




s Ehir. 3 widisidn an

oo A .

Joor ////,
¢ 4.29
:
+ 2.86
;
L]
L]
(]
K = 35.46 .
+ 1.43
K = 35.46 . &
gt T A S pa— . T
-6.71 -4,29 -2,86 -1.43 '
-1-43
K = 35.46

"2.89

- mememom w wm e EmE S EmEmEEmmmomomom o

+-4.29

AN

Figure B-17.

Root Locus Plot of the Compensated Altitude Hold
System.




h(s) _ _

hcmd(s)

35.46 (s + .1)(s + 0.0801) (s + 21.86) (s - 23.11)(s + 40)
(s+0.024) (s+0.424) (s+0.8740.844) (s+4.5+5.44]1) (s+9.716) (s+39.99)

(B-68)

PARTL is used to find the time response of the system. The
response to a step Input is shown in Figure B-18. The dominant res-
ponse 1s an exponential growth to the final value. About 90 seconds
are required for the response to stay within 5% of the final value.

If the 80% gain reduction is used, a slower time response is generated,
and slightly over 2 minutes are required to achieve 95% of the commanded
input. Figure B-19 shows a comparison of the time responses for these
two levels of gain reduction.

Elevator transients and response to gusts is studied as in
Appendix B-12 for the heading-control loop. Figures B-20 and B-21
contain the associated time-response curves. The settling time to

damp out gust perturbations in altitude is 90 seconds.
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Figure B-18. Step Response of Aircraft Altitude
Given a Commanded Alt{itude Change.
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Figure B-19. Comparison of Step Response in Altitude
For Two Values of Gain.
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APPENDIX B-16

BEST CASE AND WORST CASE CLOSED-LOOP ALTITUDE-HOLD DYNAMICS

The analysis in Appendix B-151ig repeated with the Ccompensatorsg

the baseline, The best-cage and worst-cage dynamics are defined ipn

Appendix B-7, The techniques of Appendix B-14 are repeated for the

functions, Then Eq(B-65) from Appendix B-15, 1is used to generate
Eq(B-69) and Eq(B-70).

Best casge is:

his) _ -49.29 (s + 30.43) (s + 0.131) (s = 20.92)
§,(s) s(s + 0.0795 0.3613) (s + 6.077 t 4.702%) (B-69)

Worst case is:

hle). . =40.37 (s + 0.0354) (g + 22.67) (s - 18.07
%8} " 5 +0.395 % 0.407) o2 3.172 + §.1837) (B-70)

Eq(B-71) and Eq(B-72) are the best-case and worst-cage closed-
loop transfer functions with 60% gain reduction, using the baseline

compensators and servo,

Best case is:

h(s
hcmd(s)

3.961 (s + 0.1) (s + 30.57) (s - 20.99) (s + 40) (B-71)
(s+0.105) (s+0. 724%2.0287) (s+7.699i3. 7693) (s+7.125) (s+39.99)

B-60




5 s i = PR %
b i o 5 I P < O e el e e

Worst case 1is:

3.23 (s + 0.1)(s +0.0354)(s + 22.67)(s - 18.07)(s + 40)
(s+0.0147) (S#0.257) (s+1.013+1.4243) (s+3.254+5.623]) (s+9.635) (s+39.98)

(B-72)

Figure B-4 shows the comparison of the time responses of the three

sets of dynamics. Table B-10 lists the settling times for two values

of gain reduction.

1.5

CASE

1.00

BASELINE
‘."""*"HGRST CRSE

L

'UDE CHANGE(FEET)
0.50

,
s

ALT.

o
(@]
S. 00 80.00 160.00  240.00

TIME(SECONDS)

—

Figure B-4. Comparison of Step Response of
Altitude Hold Circuit witl. Varying
Aircraft Dynamics
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Byl s S
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APPENDIX B~17

ALTITUDE HOLD CIRCUIT DESCRIPTION

The altitude control diagram shown in Figure B-16 has two lead-~lag
compensators, one in the forward path and one in the feedback path.
For the barostat, an integrated circuit Pressure transducer isg chosen.
This is a fully temperature~compensated linear device using a piezo
resistive strain sensor. It has an overall accuracy of + 0.075 volts
over its span of 2,5 volts to 12.5 volts (National, 1974:2-9),

In the feedback Path, the barostat feeds a lead-lag compensator

with the transfer function 1£L£§iﬁl. Ar LM324 operational amplifier
8+40

(op amp) is used to form the compensator (National, 1973:AN20-4),

100K

Figure B-22. Altitude Feedback
Compensator




The transfer function is equal to the negative of the feedback impedance

1 i divided by the input impedance:

‘n:v i

E Z

A | 10(s+4) _ _ _f .

e <+40 = Zi (Carlson, 1967:207)
- ‘ Manipulating this equation yields:

} 100K +

] 2 2.5(10) "%

: | 24 100K + 1

0.25(10)'6s

From this equation:

o] = 100K ohm
. = 0.25 uf
Rop 100K ohm
- é and C, = 2.5 uf

The circuit to accomplish the feedback path transfer function is shown

in Figure B-22. This signal must be subtracted from the commanded
input. Since the output of the feedback compensator has a negative
sign, this signal is added to the commanded input. The output of the

adder feeds into the forward path compensator which has a transfer

function of 0.04(s+0.1). The circuit for this transfer function is
i s+10
shown in Figure B-23., The complete altitude hold circuit is shown

in Figure B-24. (Appendix E-4 contains a similar description of the

v , complete heading control circuit).
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A

g BHP, bhp

%

1bf

z 1bm

LIST OF SYMBOLS

area
brake horsepower

drag coefficient

power coefficient
speed-power coefficient
thrust coefficient

drag force
propeller diameter
force

scale force

altitude above ground level (AGL)
horsepower

propeller advance ratio

length of moment arm

pounds force

pounds mass

moment

engine speed, revolotions per minute
engine speed, revolutions per second
miles per hour

total pressure

static pressure

dynamic pressure

Reynold's number
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RPM, rpm engine speed, revolutions per minute
[ ‘ SFC specific fuel consumption
; SHP shaft horsepower
fz” T thrust
'g \ velocity
; Vd velocity at the disk
.{ Vo velocity of the unaffected air upstream
: VS final velocity of the slipstream air
_3 B propeller blade angle
,; n efficiency
. : \ kinematic viscosity
- p mass density (po is at sea-level)
1 o density ratio (p/po)
3 Subscripts
i
y | P propeller
: D drag

adjusted




APPENDIX C

PROPULSION SUBSYSTEM

Introduction

This appendix discusses the selection of a propulsion subsystem for
a very low cost expendable harassment system (VLCEHS). The propulsion
subsystem consists of the engine-propeller combination. The selection
criteria is based on meeting performance specifications at minimum

cost.

Scope

Since the entire study effort is driven by a minimum-cost concept,

only low-cost, commercially-available engines are evaluated in depth.

Approach

Manufacturer data were analyzed to obtain géneric performance
curves which were used to determine the engine that best suited the
chosen airframe. Once power and weight requirements were levied by
the airframe considerations, the engine selection was made using the
performance curves.

Where possible, the results of previous analyses are incorporated
into the evaluation. For example, the Applied Physics Laboratory (APL)
at John Hopkins University recently completed a study and evaluation of
three candidate engines to be used in their RPV program. These recip-
rocating engines were made by Sakert-Riggs, Kolbo Korporation and the
McCulloch Corporation. It was concluded that the McCulloch engine,
with modifications made by the APL, is an ideal power plant for long

flight-time RPV missions (Small, 1974:36).

o v




System Considerations 7

The accomplishment of the mission is affected by the range, en-
durance, and ceiling of the aircraft. These factors, in turn, affect
the fuel consumption. The airframe designer's desired performance E
characteristics affect the required power of the engine and fuel con- 2
sumption, since the rate of climb depends upon the reserve horsepower
of the engine. Electrical power requirements for the vehicle, such as i
flight control servos and avionics, can drain power from the engine.

Airframe considerations determine the maximum allowable propeller b
diameter for a reciprocating engine and, therefore, can put constraints®
on the vehicle launching device. For example, an aircraft configura-
tion with twin empennage-supporting booms attached to the wings fixes
the maximum diameter of the propeller, not only from the vehicle and
launcher structural-clearance standpoint, but also from the standpoint
of tip-flow losses if the propeller gets too near the booms.

Clearly, the weight, physical size, and fuel consumption of the
engine affect the airframe design. Engine weight, where the center of %
gravity of the engine is located, direction of rotation of the propeller
and its configuration, tractor or pusher, affect the proper balance cf
the aircraft, statically and dynamically. Engine power and thrust
available influence the airframe design.

The type of engine chosen affects the throttle control servo and

ite associated linkage. The approximate response time of the engine 1

also helps to determine the design of the throttle control.




:.,«

Criteria

Although the engine should be as cheap as possible, the optimum

upper cost limit for the engine is $200, based on the design goal of

a total system cost of $1000 for the\Type II vehicle. The engine must
be available through shelf stock in the commercial market and must have
easily replaceable parts. The total engine weight should be less than
30 pounds and the propulsion system should weigh no more than 35 pounds.
The acceptable range of power is from 5 to 15 brake horsepower. The
acceptable range of specific fuel consumption (SFC) is between 0.5 and
1.5 1bm/hp-hr. The vibrations that the engine transmits to the airframe
should be minimal. Engine reliability must be compatible with the
overall system, even though the active system life is short. Because
of synchronization requirements and unnecessary redundancies which in-
crease welght and cost, twin-engine concepts are not considered in the

detailed evaluation.

Survey of Propulsion Devices

Although several methods of providing propulsive power are avail-
able for aircraft, the limited size of the vehicle drone eliminated
all but the simplest and least expensive propulsion systems. The fol-

lowing is a list of the different types of engines considered.

Jet Engines
1. Ramjet
2. Turbojet and Turbofan
3. Pulse-jet

Internal Combustion Engines

1. Rotary Combustion (Wankel)




2. Large recreational engines i?
a. Motorcycle
b. Snowmobile
c. Outboard motor

3. Small recreational engines
a. Chain-saw
b. Go-kart
c. Mini+bike

d. Four-cycle horizontal shaft snowblower engine

The ramjet, turbojet, and turbofan engines were classed together
in the analysis. All three types have more thrust than needed for the
drone application. Also, their specific fuel consumption is higher
than tolerable. The above factors coupled with the fact that these
engines are heavy and involve high initial costs and considerable main-
tenance, eliminate jet engines from further consideration.

The rotary combustion engine (Wankel) is too heavy and its cost
was considered excessive for this application. At the present time,

a >-horsepower engine that weighs about 35 pounds is about the best %
one can hope for from a rotary engine. Curtiss-Wright Corporation is
working on prototype engines for the U.S. Army RPV program, but none are
now commercially available (Alan, 1975).

Larger, internal-combustion engines, such as those used for motor-
cycles, snowmobiles and outboard motors, are high cost items, and ex-
ceed the weight restrictions even with aluminum engine blocks. Most
snowmobile engines fall in this category. However, some can be grouped

with the two-cycle engines and with the horizontal-shaft, four-cycle

Cc-4




engines due to their relatively light weight.

Two-cylinder engines are commercially available, but presently, not
in large quantities, and they are cost prohibitive. Engines of this
type, manufactured by Kolbo Korporation of Anaheim, CA, have been used
in RPV applications; however, they were not considered for the harass-
ment drone because of cost and production capability.

Smaller internal-combustion engines, such as those used for chain-
saws, go-karts, and mini-bikes, were grouped tAgether, since most are
two-cycle, light-weight, and relatively inexpensive. The McCulloch
go-kart engines are representative of this class of engines, having
specific fuel consumptions (SFCs) in the range of 0.9 to 1.3 1bm/hp-hr
(McCulloch, 1974). The cost of the McCulloch engines varies between
$100 and $200 (Jacobs, 1975). Since the estimated total weight of the
engine, propeller, and hub is approximately 20 pounds, this particular
subsystem is very light. Reliability figures for these engines are
not available. These engines are commercially available, with a pro-
duction rate of several thousand engines per year.

Other small engines are the horizontal-shaft, four-cycle engines
which are used in small generators, snowblowers, and lawnmowers. Four-
cycle engine fuel consumption is characteristically less than that for
two-cycle engines being approximately 1.0 1bm/hp-hr (Currie, 1975).

The cost of these engines, depending on the manufacturer, is within

the established criteria. Four-cycle engines are heavier than two-cycle
engines, and the maximum horsepower attainable, with an aluminum engine
block, is 8 horsepower. Above 5 horsepower, the engines become ex-
cessively heavy. The HSSK 50 weighs 24 pnunds with an estimated unit

retail cost of $150 (Tecumseh, 1974:8).

C-5
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Table C-1 shows a comparison of all known power plants that might
be suitable for use in small drones or RPVs, Figure C-1 shows a com-
parison of the engine horsepower to weight ratio versus the horsepower
for several engines that are representative of the general :lass that

is considered in this design study.

Final Propulsion Subsystem Candidates

The McCulloch MC 101, the Tecumseh HSSK 50, and the Tecumseh HMSK
70 are the prime candidate engines and ;re representative of the re-
spective engine types. The MC 101 is a go-kart engine rated at 12,5
horsepower at 9000 rpm and 88 inch-pounds of torque at 9000 rpm with
an open exhaust. The total engine weight is 13.5 pounds resulting in a
weight-to-horsepower ratio of about 1.08 at 9000 rpm. The displacement
is 7.5 cubic inches with a bore of 2.280 inches and stroke of 1.835
inches. The unit retail cost of the MC 101B is $205, but the unit
cost for large orders is $148 (Jacobs, 1975).

The Tecumseh HSSK 50 is a four-cycle, horizontal-shaft engine
rated at 5.0 horsepower at 3600 rpm. It is designed to be used in
small snowblowers. With all factory furnished parts installed, the
engine weighs 24 pounds. The displacement if 12.0 cubic inches with
a bore of 2-5/8 inches and a stroke of 1-15/16 inches. It is repre-
sentative of most four-cycle engine models currently on the market with
a 5 horsepower rating.

The Tecumseh HMSK 70 isg similar to the HSSK 50 and is rated at
7.0 horsepower at 3600 rpm with a bore of 2-15/16 inches and a stroke

of 2-17/32 inches. The engine weighs 47 pounds.
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Candidate Comparison with Decision Criteria

In many cases, complexity of engine design is directly related to
cost, weight, availability, power, fuel consumption, and, to a lesser
extent, vibration and reliébility. Table C-2 relates the relative

merits of the three engines to the decision criteria.

Cost

The four-cycle engine design of the HSSK 50 and the HMSK 70, as

opposed to the two-cycle design of the MC 101, requires intake and

exhaust valves, rocker arms, push rods, camshaft and timing gears,

and lubrication systems. Thus, both Tecumseh engines are more me-
chanically complex than the MC 101. Also, good quality control is
necessary to maintain close tolerances on camshafts and valves which
are required for the four-cycle Tecumsehs. A private study shows that
production costs for a four-cycle engine are two or three times the
cost of an equivalently horsepower-rated two-cycle design (Lockheed,
1975:5-4).

The unit retail costs (plus tax and freight) of the MC 101B,
HSSK 50, and HMSK 70 are $205, $147, and $165 respectively. The unit

cost figures for large orders from the respective factories are $148,

$55, and $75 respectively.

s The criterion of minimum cost suggests selection of the HSSK 50

as the engine for the propulsion subsystem; however, this study shows
in the following sections that the HSSK 50 is not adequate to power

é, ‘ the vehicle at the design cruise altitude. Further, the HMSK 70 is

unacceptable from the allowable weight standpoint and contributes to

increased life-cycle costs. If the MC 101 is chosen, the average
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large-order cost difference between it and the Tecumsehs is about $40,
but is only 3.33% of the total system cost.

Table C-3 shows approximate costs for the various propulsion
subsystem components for the candidate engines. The costs are based

on an order of thirty-four or more.

TABLE C-3. ESTIMATED PROPULSION SUBSYSTEM COSTS
FOR THE PRIMARY CANDIDATES

Engines

Component

MC 101 HSSK 50 HMSK 70
Engine $148.00 $ 55.00 $ 75.00
Shock mounts 30.00 30.00 30.00
Propeller 62.00 62.00 62.00
Fuel System 8.00 8.00 8.00
Engine Run-in 30.00 30.00 30,00

$278.00 $185.00 $205.00

Weight. The weight per rated horsepower of the MC 101 is lower
than that for the HSSK 50 or the HMSK 70; however, this is offset
somewhat by the fact that the specific fuel consumption for the MC 101
is approximately 0.9 to 1.3 lbm/hp-hr as compared to approximately
1.0 1bm/hp-hr for the Tecumseh engines. Further details on fuel con-
sumption are discussed in a later section.

The ratios of weight over rated horsepower for the MC 101,

HSSK 50, and HMSK 70 are 1.08, 3.43, and 6.71 pounds per horsepower

respectively. The weights of 13.5, 24.0, and 47.0 pounds, respectively,
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are based on stock engines with cooling shrouds, recoil starters, and
other items that are not needed for mini-drone application.

The weight of the HMSK 70 drives the total vehicle welght over the
130-pound limit, and the engine weight exceeds the maximum engine weight
criterion of twenty pounds. Also, the HMSK 70 engine is about 30%
of the vehicle gross weight, Therefore, the criteria of low weight

and low weight—per—horsepower dictate the selection of the MC 101.

Availability. Ag noted earlier, engines for chain-saws, port-~
able power units, and go-karts are produced in volumes of tens to
hundreds of thousands per year. Manufacturers seem reluctant to Sup-
Ply a special run of engines for a drone RPV Program (Lockheed, 1975:
5~4). As a result either: (a) stock engines should pe installed
in the aircraft with a minimum of pre-flight checkout or (b) if the
weight and Performance of the engine becomes critical, one could per-
form extensive quality control checks, performance modification and
testing, and produce modified engines at greater cost, Again, since
low cost is a Primary consideration, stock engines are recommended.

Power. 1In considering how each of the three engines meets the
power range criterion of 5-15 horsepower, the degradation of perform-
ance due to altitude, temperature, and continuous operation are consid-
ered. Typically, internal—combustion engines lose 3-1/2% of their
Power for each 1000 feet of altitude above sea level and 17 for each
10°F above standard temperature, 6Q°F, When engines are operated
continuously, 20% is subtracted from the power as a safety factor.
Also, most Production engines develop at least eighty-five percent

of their rated power as shipped; and whep run-in to reduce friction,
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they develop at least 95% of rated power (McCulloch, 1974). The cor-
rection factors are multiplied together and are equal to 0.494. For
example, the altitude correction factor for 10,000 feet altitude is

35%; the temperature correction factor is not considered; the cor-

rection factors for continuous power operation and run-in are 80%
and 95% respectively. Table C-4 below shows the net power at 10,000

feet for each engine when the correction factors are applied.

TABLE C-4. COMPARISON OF RATED POWER AND NET POWER FOR
THE PRIMARY CANDIDATE ENGINES

ENGINE HORSEPOWER

RATED HP x CORRECTION FACTOR = NET POWER

MC-101 12 X 0.494 5.93

2.47

HSSK 50 7 X 0.494

HMSK 70 5 X 0.494 3.46

From these calculations, it is evident that the HSSK 50 does not meet

the 3 brake horsepower requirement for the vehicle at the design

cruise altitude of 10,000 feet (Appendix A).
Sl Specific Fuel Consumption. Mission requirements dictate minimum
i specific fuel consumption (SFC) at all times to keep the fuel load
éu {, down and, hence keep the vehicle weight low. The fuel consumption
%. | depends primarily on the heating value of the fuel, the air-fuel mix-

5 ture, and engine efficiency (Lichty, 1951:455-456).
There are two basic types of fuel used in small internal-combustion
engines. The first is glow plug fuel which is commonly used by air-

plane modelers for control-line and remote control aircraft.
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Variations are also used in high performance racing cars. The fuel

consists of 107% nitromethane, 80% methanol, and 10% castor oil. The
ignition system is normally eliminated when operatiag with glow-plug

fuel which reduces the engine weight and eliminates shielding against

R P DO

radio frequency interference (Lockheed, 1975:5-2). The SFC for glow-
plug fuel is approximately twice that for gasoline and oil mixtures,
which means that the fuel load increases and the available payload

decreases. Ethanol (ethyl alcohol) fuel has 36% and 31% less heating

value on a weight and volume basis, respectively, than gasoline (Lichty,

1951:455-456). Therefore, a larger fuel consumption exists with almost
the same power output for a given engine using‘ethanol. Also, it is
logistically difficult to provide an exotic fuel in the field.

The second type of fuel is a gasoline-o0il mixture which is com-

monly used in two-cycle engines. The oil-to-gas mixture ratio can

vary somewhat if long engine life is not a consideration. Also
gasoline-oil fuel is logistically easier to supply to the field.

The type of engine cycle also has an effect on the SFC. It is %

estimated that a small four-cycle engine will have a cruise SFC of

{ 1.0 1bm/hp-hr (Currie, 1975). This.SFC range for the four-cycle
‘ | engine should be compared to the two-cycle SFC range of 0.9 - 1.3
1bm/hp-hr (McCulloch, 1974).

Vibration. Single-cylinder engines vibrate severely and require
vibration isolation mounts. Instances of nuts, bolts, and other parts

shaking loose are well documented (Lockheed, 1975:5-11). Vibration

problems for single-cylinder engines are more common in two-cycle
engines than in four-cycle engines. Engine testing of the MC 101

without vibration mounts created vibration levels which caused the
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vibration transducers to be shaken off the engine. Project Teleplane
Design Group (AFFDL/PTT) uses cabla-ring mounts in their vehicles, some
of which are powered by the MC 101, to dampen vibrations.

Reliability. The mature, basic, proven designs of the MC-101 and
the HSSK 50 have seen many years of service. Engines for chain-saws,
go-karts, mini-bikes, snowblowers, and snowmobiles undergo reliability
and developmental testing for years before they are offered for sale
to the general public (Lockheed, 1975:5-3). As mentioned previously,
reliability data for small internal combustion engines are, for the
most part, unavailable to the general public; therefore, relibility
testing should be performed on a representative group of these engines.

Additional factors were examined relative to the engine selection
process. The splash lubrication system of the four-cycle Tecumsehs
is not suitable when the engine is inclined more than 30° from the
vertical where the engine will not get proper lubrication. A similar
problem exists with ths float-type carburetor in the Tecumseh engines.
Whenever the engine is tilted more than 25° from the vertical, a
valve closes in the carburetor and the float ceases to operate, thus
causing the engine to be starved for fuel.

The study conducted by the John Hopkins University Applied Physics
Laboratcry found that reliable engine starting is a problem in engines
with magnetic ignition systenms. Additionally, it was found that hand-
starting was hazardous to personnel. The use of a modified Volkswagon
starter, capable of spinning the McCulloch engipe up‘to 3600 rpm
assured rapid starts every time. The procurement of a device of this

type solves the starting problem and increases personnel safety (Small,

1974:27).
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Engine Selection

Comparison of the candidate engines with criteria indicates that
the McCulloch MC 101 engine is the most logical engine for the VLCEHS.
Four considerations make it so. It has adequate reserve power, thus
enabling the payload and power requirements to be changed. It has
fewer parts than the four-cycle engines; therefore, it has less me—i
chanical complexity. The MC 101 is lightest of the three primary
candidates. And, the MC 101 is not restricted in orientation during
maneuvering as are the four-cycle engines. These operational factors

affect th- decreased unit cost advantage of the four-cycle engines.

Propeller Selection

A propeller selection is Customarily made knowing the power and rpm
of the engine that will be driving it. A suitable propeller can then
be selected using the speed-power coefficient, Cg (Dommasch, 1951:199).
The various parameters used in propeller design and selection are found
in NACA TR640 by Hartman and Bierman (1938) where their use is discussed
in relation to calculating the thrust-versus-flight-speed for propellers
of the same plan form and twist distribution, but which use the Clark
Y section and the RAF 6 section. The airfoil section that is used in-
fluences the propeller performance. Appendix C-2 includes sample cal-
culations that show the 5868-9 Clark Y section superior to the RAF 6
in the design envelope for this drome.

Airfoil tests show that the Clark Y sections have lower minimum
drag, lower maximum 1lift, and lower maximum lift-to-drag ratio than
the RAF 6 section. The tests indicate that a fixed-pitch propeller

with Clark Y section is superior at cruise and high speeds, but inferior




to the RAF 6 at takeoff and tests done in NACA TR378 (1931) demonstrate
this fact (Nelson, 1944:46).

Sample propeller calculations produce parameters that are very

close to those done by an independent investigator (Rose, 1975b). Al-

though planiorm characteristics are not specified, they are mnot nec-
essarily the driving function for a propeller design. Even thoygh

the two designs possess the same characteristics at the design point,
off-design conditions can differ drastically (Larsen, 1975a). In spite
of this, it is encouraging that the performance characteristics of the
two designs are so close and indicates the design by the Sensenich
Company is adequate.

Calculations using strip-analysis theory by Theodorsen for 75 mph,
10,000 feet altitude, and 3900 rpm engire speed require a Sensenich
W28JX22 propeller with B = 18.25° at C.75R (75% of the propeller radius),
with a chord width of 2.25 inches, and a cauwber of 3.5%. The efficiency
of the W28JX22 propeller is 0.819 at a blade activity factor of 110

(Alan, 1975).

Engine Testing

Background. Several agencies of the federal government and govern-—
ment contractors are involved in testing engines such as the McCulloch
MC 101. The U.S. Army Mobility Equipment Research and Development
Center is performing tests on the Lockheed "Little R" engine and several
stock MC 101 engines. Lockheed Missiles and Space Company is involved
in testing small internal-combustion engines for use in mini-RPVs.

Testing was done at Wright-Patterson Air Force Base, Ohio, by the

AFIT Graduate Systems Engineering class in close cooperation with the
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Air Force Aero-Propulsion Laboratory and the Air Force Flight Dynanmics
Laboratory. AFAPL has furnished an altitude chamber, instrumentation,
and test personnel; AFFDL has furnished the engine, propeller, thrust
stand, and test personnel for the tests performed during this study.

Test Objective. The objective of the AFIT engine test program was

to obtain thrust and fuel-consumption data at various altitudes, air
speeds, and engine speeds. Although the tests used the MC 101 engine,
similar tests can be performed using other engines of the same class.

Test Equipment. The propeller used in the test is a 26GXL13 pro-

peller with a 12° blade angle manufactured by the Sensenich Company.
The propeller is made of laminated wood and has a diameter of 25 inches.

The thrust stand or engine mount is a tee-bar that rotates in the
horizontal plane. The engine is mounted on one side. A wire is con-
nected to the other side and then to a scale which measures the force
transmitted by the arm of the bar. Instrumentation consists of an rpm
readout, iron-constantan thermocouples, throttle control, mixture con-
trol, and vibration transducers.

Test Procedures. Fuel flow and thrust are measured at different

altitudes while the engine rpm is varied. Cylinder head temperature is
monitored to prevent overheating. The initial phase of testing re-
quires that the mixture be adjusted to give the maximum thrust at cruise
air velocity and altitude. The next phase requires that the fuel-to-air
mixture be leaned to permit the cylinder head temperature to reach 400°F.
Then, engine data are taken while the altitude is decreased. This pro-
cedure determines whether or not the engine will rum at lower altitudes
with a reduced fuel-to-air mixture. The last phase of testing involves

placing a pitot tube rake in the plane of the propeller to determine
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the velocity distribution.

Test Results. The data points show that the effects of scatter and j

repeatability of the test points was a problem. Only two readings were

taken at each test point. Consequently, the statistical average is not

significant.

while the thrust data is definitely conservative, it indicates that

e PR L

the engine and propeller will produce adequate thrust throughtout the

flight regime. Even larger values of thrust should result when the

test is run in a wind tunnel using a nacelle-mounted engine. The data

also shows that the engine can be de-rated to give it longer life.

Fuel consumption data shows that the specific fuel consumption is
in the acceptable range of 0.5 to 1.5 lbm/hp-hr. The fuel consumption
should also improve in wind-tunnel testing.

Inconclusive test results came from two areas. An estimate of ;
the drag of the engine was not obtained due to the insensitivity of the }

equipment and lack of definition of the flow behavior. The attempt

to measure the velocity distribution in the plane of the propeller

1 yielded inconclusive data due to the arrangement of the equipment and

i non-uniform flow field in the region of the propeller.
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APPENDIX C-1

ENGINE TEST

Introduction

A McCulloch MC 101 engine and 25 inch diameter Senmsenich propeller
were tested by the AFIT Graduate Systems Engineering class in cooperation
with the Air Force Flight Dynamics Laboratory and the Air Force Aero-
Propulsion Laboratory. The test gives thrust and fuel consumption data
as a function of engine speed for different flfght speeds and altitudes.

The U.S. Army is currently involved in testing\?everal engines for
possible use in RPVs. They are testing a stock MC 101 engine with a
"double-pumper" carburetor which has a larger range of adjustment for
altitude operations. The Army is also testing the engine for the Lock-
heed "Little R" vehicle. It is an MC 101B that has been modified to
suit Lockheed's configuration by using a carburetor and intake manifold
from an MC 49E engine.

Test data has not been received from the Army; however, their month-
ly reports of progress provide some valuable information. Use of Go-
Power dynamometers are not suitable for testing this class of engines.
The alignment between the engine and dynamometer is a problem due to
flexing of the dynamometer mounts. The dynamometer mounted tachometer
is not suitable due to excessive vibrations and variations in speed.

The vibrations are greater than anticipated especially at light load

and high speeds. Because of vibrations, optical speed pickups are un-
satisfactory. The Army also found that the use of a six-tooth gear
which was attached to the coupling and a magnetic pickup were not accep-

table due to vibration. The use of a pressure pickup installed in the
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reed box housing gave satisfactory engine speed results (Leggett, 1975).
The Sandia Crest Experiments conducted by Lockheed show the MC 101

to have 8.75 brake horsepower at 8250 rpm, which is more than adequate

; for the vehicle at 10000 feet altitude. If the engine is derated by

! running at a lower rpm, for example, 4000 rpm, the brake horsepower is
approximately 3., Figure C-2 shows a family of curves at different al-
titudes for the brake horsepower versus engine speed for the Lockheed
| modified MC 101 in flight configuration. The curves are for static

conditions.

Figure C-3 shows the effect of mixture ratio setting at sea-level

conditions. The engine configurations has an eleven inch induction
extension with no elbow; it also has a tuned exhaust with a 5/16 inch
slot. The data points show that the high speed mixture setting does
not appreciably affect the power.

The Teleplane Preliminary Design Study (AFFDL TM-71-1-PTB,
December, 1971) shows performance curves for a McCulloch MC 101 engine
f , T equipped with the same Sensenich propeller as was used in this experi-

ment. The method used to obtain the curves was to obtain performance

data for the engine and then use the procedures outlined in NACA TR237,

k. which deals with the Type A Navy Propeller, to obtain combined perfor-

L

mance curves.

Test Objective

1 : | The objective of the test is to obtain tentative thrust and fuel
consumption data at various altitudes, vehicle flight speeds, and en-

’f gine speeds for a McCulloch MC 101 engine. The engine has a twenty-
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Figure C-2. Derived Altitude Test Data for MC 101
Engine in Lockheed Flight Configuration
(Lockheed, 1974)
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Horsepower

~ Effect of Mixture
Ratio Setting at
n= Sea Level A Y
o
12 }—
Legend
10~ High-speed setting
@® 3/4 turn
- A 7/8 turn
P McCulloch Data
8 Configuration
Induction: No elbow, 11 inch
I extension
Exhaust: Tuned with 5/16 inch
6} slot
L]" 1 1 1 1 i
5 6 7 8 9
Engine Speed(RPM X 103)

Figure C-3. Mixture Ratio Effects
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five inch diameter propeller attached. Thrust and fuel consumption
j data will aid in refining airframe design and in sizing the fuel tank.
In addition to the above, a measure of reliability of the engine is

sought.

Scope of the Test

This experiment will show the procedures used in arriving at

thrust and fuel consumption data and points out areas in the set-up 3

that are questionable experimental practice and will show why the

data are questionable. In addition, a procedure is recommended for

further testing which should give more accurate and representative

data. The data that are obtained should give a representative sampling

of static performance data at various altitudes.

Equipment
Engine. Many of the engine specifications are given in the main
text of Appendix C; however, Table C-5 gives the manufacturer's spe-

: cifications.

Figure C-4 shows the McCulloch MC 101 engine disassembled. The }
small size of the stripped down version should be noted.
Propeller. The two-blade propeller used in the test is a

Q ] 26GXL13 with a blade angle of 12°. It is manufactured by Sensenich

Company of Lancaster, PA. This particular propeller is used in the

experiment because there were no other representative propellers

{

l

.’ available at the time of the engine test. The 26GXL13 is a climb

’ propeller that was designed about eight years ago for the Forrestal

Laboratory at Princeton University. A McCulloch engine was derated
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Displacement

Bore

Stroke
Compression Ratio
Weight

Carburetor

Piston Rings

Bearings Conn Rod

——

Wrist Pin

Main

Connecting Rod

Crankshaft

Cylinder-Crankcase

TABLE C-5. MC 101B SPECIFICATIONS

7.5 in.3 (123 ce)

2.280 in. (58mm)

1.835 in. (4.6mm)

9.4:1

12 pounds 4 ounces (5.7 kg)

Twin stage integral fuel pump.
Wide range high and low mixture
needles.

Two narrow steel racing type with
chrome plated wear face for quick
sealing, low friction and long
life. Pinned.

Full complement M-50 Tool Steel
needle rollers, hardened shaft
and rod ends.

ﬁ___*__—~—~TWU‘need$e—;sller_hg§£12§§f13_~____
the piston. Extra length for —————

additional lubrication and
cooling.

Full complement high capacity
Ball bearings (2)

Hot forged, hardened and ground
alloy steel with removable cap

and integral race. O0il slot in
cap. Wrist pin pressed in place.

Extensively glass bead shot
peened, and tungsten counter-
welights,

Die cast aluminum alloy with
precision honed cast iron liner.
Deep finned detachable head.

Direction of Rotation All engines clockwise (facing

power take off shaft)
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Ignition Waterproof high tension magneto.
Advanced magnetic timing system.
Moisture-proof coil bonded to
special high rev lamination.

Spark Plug Champion L-78

Fuel 0il Mixture 20:1 with McCulloch oil and
automotive regular grade gasoline.

Flywheel High pressure die cast aluminum
alloy with integral magneto
magnets, steel hub.

Mounting Four bolt holes provided on
bottom of crankcase, Engine
operates in any position.

(McCulloch, 1975)

: /
<— Cylinder Head _ i ; :
Pi {
; " saton 1 —Bearing Block

Figure C-4. Disassembled View of the MC 101
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to 11-1/2 horsepower at 7200 rpm for a 60 knot flight speed in the
design analysis at that time. The theory of "strip analysis", was
used to design the propeller (Rose, 1975b). Although the Sensenich
26GXL13 propeller is not a cruise propeller, it is felt that it would
give representative data,

Engine Thrust Stand. The stand is mounted in the tunnel with

the "Tee" bar in the horizontal Plane and perpendicular to the di-
rection of airflow. The center line of the engine crankshaft is
approximately nine inches below the center line of the exhaust bell-
mouth; the plane of the pPropeller face is 3 feet 5 inches from the
exhaust bell-mouth and is 5 feet 6 inches from the annular flange
upstream of the engine. Figure C-5 shows the orientation of the
engine and test stand relative to the altitude chamber and the in-
strumentation schematic,

Figure C-6 shows the existance of a great deal of drag-producing
equipment and structural members upstream of the flow. The effects
upon the flow velocities and Pressures that exist in the plane of the
pPropeller due to these-devices will be treated in the theory section
of this report. Figure C-6 also shows many of the pieces of equipment
necessary to the test. Note the throttle linkage shown in the upper
middle part of the figure.

Fuel System. Figure C-7 shows the one-liter graduated cylinder
with twenty milliliter graduations situated approximately three feet
below the carburetor intake. The fuel line is run from the graduated
cylinder to the carburetor and a five gallon pressurized can contain-

ing a 9:1 ratio of regular gasoline and Klotz 30 weight motorcycle oil
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is connected to the graduated cylinder by a separate piece of fuel line.
This procedure enables the operator to keep an adequate supply of fuel
in the cylinder at all times.

The mixture to the carburetor is adjusted by means of a pulley
wheel that is brazed tc the mixture control needle valve. A wire is
wrapped around the pulley wheel and is run through a small hole in the
chamber so an operator can adjust the mixture from outside the chamber.

Instrumentation. Engine speed (rpm) is measured by shining a

spotlight from the front of the chamber through the propeller onto a
strobe pickup. Each time a blade breaks the light beam, the circuit
is interrupted and a signal is relayed to the control room where a
Beckman/Berkeley Preset EPUT Meter is used to measure rpm directly.

Three iron-constantan thermocouples are used to monitor temper-
atures of the engine. Since head temperature is so critical, a thermo-
couple is mounted near the spark plug. Another thermocouple is
attached to the crankcase and a third is placed just inside the
carburetor inlet tube to monitor inlet air temperature to the car-
buretor.

Vibration is monitored by two sensors. One is mounted to measure
displacements parallel to the engine crankshaft centerline and the
other is mounted to measure displacements in the vertical direction.
Lack of suitable mounting locations precluded placing a sensor to

measure horizontal displacements that are perpendicular to the axis

—._.._of the crankshaft. Excessive vibration of the engine caused the

sensors to break from their mountings early in the test and no attempt

was made to re-connect them.
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Altitude Chamber. The altitude chamber that is used for testing

is located in room 24 of building 18E of the Aero-Propulsion Laboratory.
The chamber is approximately 22 feet long and 10 feet in diameter.

The air flow is not refrigerated and is achieved by exhausters
which are situated in the basement of building 18E. Air is pulled
through the chamber and altitude and airspeed are adjusted by using
static pressure probes in the exhaust and a total pressure probe which
is mounted on the annular flange upstream of the engine. During test-
ing, the exhaust gases are vented to the exhausters when the altitude
rune are made and are vented through the open chamber door during
static, sea-level tests, since the altitude chamber does not have
provisions to simulate temperature effects for increased altitude.
Therefore, ambient air flowing past the engine provides cooling to
the engine during altitude runs. No cooling air is provided for

static runs.

Theory

Thrust Measurements. The thrust of the engine and propeller

causes a moment which results in an opposing force that pulls the
cable towards the rear of the chamber. The cable is attached by
pulleys to the spring scale which measures the force. The ratio of
the moment arms is 5:1 so the gscale force reading is multiplied by
five to obtain the net thrust value. TFigure C-8 shows the relation-
ship of the forces to the thrust stand.

Summing moments around the pivot point enables the determination

of the force or thrust imparted to the aif by the propeller end engine.




ks

and

SO
T = FstlLl.

For the thrust stand the ratio of L2 to L1 is five.

Thus T = SFS (c-1)

where
T = engine thrust,pounds

F_ = scale reading of force, pounds

L1 = distance from the centerline of the
crankshaft to the pivot point, inches

L2 = distance of the cable attachment point

to the pivot point, inches

Propeller. Thrust can be calculated by finding the increase of axial
momentum per unit time. When the propeller is treated as a disk,
thrust equals the mass per unit time through the disk multiplied by

the increase in velocity or

T = AV,(V, - VO) (c-2)

where

=]
1l

thrust, pounds
V. = velocity at the disk, ft/sec
V0 = velocity of the unaffected
air upstream, ft/sec
V_ = final velocity of the slipstream

air, ft/sec
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A = area of the disk = ﬂD2/4,
ft2

p = mass density of air, slugs/ft3

Thrust can also be expressed as AAp where Ap 1s the difference in
total pressure head along a given stream tube both in back of and in
front of the disk. Bernoulli's theorem does not apply because energy
is added at the disk. Thus, P0 + pV02/2 is a constant along a given
stream line except in the plane of the disk (Nelson, 1944:4-5).

Momentum theory neglects some important items such as aerodynamic
drag losses of the blades, energy loss due to slipstream rotation,
compressibility losses, blade interference, and thrust pulsations due
to the finite number of blades. In addition, the propeller or engine
torque cannot be introduced into the analysis (Nelson, 1944:6-7).

Uniform flow is to be desired for propeller testing to obtain the
best possible thrust versus velocity. Since there is a great deal of
drag-producing equipment in front of the propeller in this test pro-
gram (see Figure C-6), it is not in a uniform flow. The flow 1s
asymmetric with vortices that are shed from the structural members
upstream. Thrust readings indicate the net thrust because the air
flow impacts against the engine and parts of the horizontal pivot bar
causing a drag force. One phase of the experiment is to measure the
drag force by reversing the pulleys so the scale indicates the drag
force or the force of the air on the engine.

An analytical estimate of the drag was done to see if flow

blockage was significant. Calculations were done for each separate




piece of equipment that could alter the measurements by creating a
drag force. Since most of the apparatus is symmetric about the ver-

tical pivot bar, the assumption is made that the engine and carburetor

are the only contributors to drag. An individual Reynolds number (Re)

is calculated for each piece of equipment which yields a value for the
coefficient of drag (CD). Once the values for CD are found, they are
multiplied by the individual frontal areas to obtain the total drag
force (D). Initial calculations show the carburetor and engine to be
in the transition region from laminar to turbulent flow which yields
relatively high values of CD and a total estimated drag of 3.9 pounds
force (1bf).

Calculations showed a 37% total flow blockage in the area that
is swept out by the propeller. It was assumed, however, that only the
non-moving structrual members such as the horizontal support bar and
pivot bar contributed to the drag. This assumption resulted in a 12%
flow blockage and therefore, resulted in an adjusted propeller effi-
ciency (Nadj) of 0.71. The unadjusted efficiency was 0.81 for a

cruise velocity of 75 miles per hour and an advance ratio, J, of 0.65.

nadj = 0.81 X 0.88 (c-3)

= 0.71

Fuel Consumption. Flow from the graduated cylinder is measured

over a two minute interval and reduced to give readings in milliters
per minute. The number of liters per minute is multiplied by 91.1421

to obtain the number of pounds per hour of fuel flow.
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Test Procedures

Initial Calibration and Checkout of Equipment. A magnetic pickup

was initially used with a toothed gear to measure the engine speed;
however, vibration of the engine prevented accurate rpm readings on
the digital output. The next method used to measure the rpm was an
electrical pickup mounted on the spark plug connection. This method
proved unreliable also. The most effective method to measure rpm was
an optical pickup using a spotlight. Each time the propeller blade
passed through the light beam a signal was relayed to the digital
readout meter.

Static Data. Once the calibration and checkout phase was complete,
data were obtained for static conditions. This part of the test deter-
mined "static sea-level" thrust and fuel consumption. Of course, the
data are obtained at local conditions and elevation of the test chamber.

Varying Altitude and Engine Speed. The second phase of the actual
testing yielded data at varying altitudes and different engine speeds.
Initial runs were made at a fuel-to-air mixture setting which enabled
the engine to develop maximum thrust at the design speed of 75 miles
per hour and 9000 feet (the actual design point was 10,000 feet, but
the chamber was restricted to an altitude of 9000 feet).

After the thrust was optimized for cruise, data were obtained
for a range of flight velocities and various altitudes. Then the
altitude was decreased to sea-level conditions to see if the engine
would run at the fuel-to-air mixture that gave the maximum thrust at

9000 feet altitude.
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The next phase of testing consisted of bringing the chamber to 100
miles per hour flight speed at 9000 feet altitude and leaning the mix-
ture until a maximum head temperature of 404°F was obtained. This was
the maximum head temperature that was considered to be safe for engine
longevity. A report by T. R. Small of the Johns Hopkins University
Applied Physics Laboratory recommends a maximum head temperature of
400°F for a McCulloch MC 91B/1 engine. . The report also pointed out
that the engine is susceptible to damage if it is run without an ex-
haust pipe (Small, 1974:34).

Problems Associated with the Test. During one experimental run,

the condenser shook off the engine and had to be remounted. Repair
was accomplished and testing was resumed. In another run, the carbur-
etor air intake tube came off the carburetor and it hit the propeller.
A one-half-inch chunk was knocked out of the leading edge of one of
the blades. Figure C-9 shows a picture of the damaged test propeller.
Subsequent testing used the same propeller.,

During another test run, a diode shook loose in the rpm strobe
pickup unit due to excessive vibration. At approximately the same time,
it was noticed that fuel was leaking from around the carburetor. After
the chamber was brought back to ambient conditions, the carburetor and
reed block were removed from the engine and examined. One side of the
reed block was cracked and was leaking fuel. Since a spare was un-
available, the reed block was reversed and re-installed with the
carburetor on the engine. This action enabled the test to continue
without further problems of fuel leakage. The same day an alterna-

tor belt broke so the rest of the runs that day were made without an

alternator load on the engine.
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Drag Measurement. Some assessment of the drag produced by this

el

il it ks

Figure C-9. Test Propeller Damage

equipment and
Consequently,
rotate in the

The test
shut down and

velocities.

the drag due to the air impacting on the equipment.

Readings were taken from the force scale to determine

its effect upon the engine thrust becomes necessary.
the pulleys were altered to enable the pivot bar to
opposite direction from the usual.

procedures for this phase involved leaving the engine

running the tunnel at different altitudes and tunnel

C-42




Test Results

Discussion. The test results indicate a great deal of scatter in

the data. Also, Tepeatability of the data is a Problem, Examination of
Figures C-10 ang C-11 shows that the slopes of the lines through the
{

data points are very similar for the various altitudes, Linearization

AL otherwise,

| The data taken to estimate the drag indicates only 0.1 pound drag
force acting on the assembly. Thig reading 1s due more to the vibra-

tion of the assembly than to ap actual drag force. The relative ip-

sensitivity of the equipment makes it difficult to determine small
changes ip thrust,

Calculation at 75 miles per hour shows a drag force of approximately
3.9 pounds (Appendix C-2). The thrust Mmeasurements are very conservative
yet provide ample thrust for the vehicle.

A pressure rake was fabricated to estimate the velocity distribution

in the plane of the propeliler, This was attempted because of the

relatively high values of thrust that were obtained at 10,000 feet
and 100 miles Per hour tunnel velocity, The results of thisg part of

the experiment dig4 not yield conclusive data and the actual flow con-

ditions in the chamber are unknown,

Errors in the Test. Possible errors associated with taking

5 data may be due to the following:

1. Operator error when re: ling fuel consumption would be about

% 10 ml. since the graduated cylinder that is used has ip-

3{ : | crements of 20 pJ,
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2. Operator errors in reading the force scale could be % 0.5

pound which, when multiplied by the pivot arm factor of
five, yields * 2.5 pounds error in the thrust values. The
force scale is graduated into increments of 0.1 pound.

3. Inherent equipment error can also contribute to the data
scatter. The engine speed digital readout meter has an
error of t 5% associated with it.

4. In calculating the thrust of the engine, the tacit assump-
tion is made that the pivot bearing is frictionless, which
is obviously not correct. The vibration of the assembly

would help to make this a reasonable assumption.

In order to properly measure the thrust of the engine and pro-
peller combination, a test bed would have to be fabricated and load
cells used to measure the thrust. To reduce the drag, the engine
should be mounted in a model of an actual aircraft nacelle. This
procedure would reduce the expected error associated with the ex-
periment.

The thrust can be calculated from the formula

= BHP b
T = v (C-4)

where
T = engine thrust, pounds
BHP = brake horsepower

V = flight velocity

n = propeller efficiency
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1.

! 3.

A variety of explanations can be offered for the data obtained
from this experiment. There are also some conclusions that can be

They are listed as follows:

Due to the relatively small inlet expanding inte the large,
cavernous volume of the test chamber the possibility of an
application of free-jet mixing theory becomes a possible
explanation of the experiment. In which case, the pressure
distribution at the propeller face should perhaps resemble
a "flattened-out" Gaussian curve.

The initial {eeling that the velocity data were incorrect
is neither verified nor denied by the results of the
pressure-rake part of the experiment. The data are incon-
clusive. On the other haad, since the attempt was made to
use an altitude chamber as a wind tunnel, there is good
reason to believe that the flow inside the chamber could
be any value and could have any distribution. Also, to
assume that the flow will behave similar to the way it
would in a wind tunnel where the experiment has been cor-
rectly set up may be erroneous.

The data are very conservative and the engine-propeller
combination should perform much better in an actual
aircraft than it did in the test. This data should not

be used for design purposes.

Engine Test Recommendations. In future experiments with small

engines, several things should be done. The engine should be cali-




brated using a dynamometer or a prony brake to get partial and full
throttle performance maps. Knowledge of the torque and brake horse-
power versus engine speed curves determine what the output of the
engine is. These performance maps could be obtained with the test
bed in an altitude chamber which would give necessary altitude data.

Propeller testing should be performed in a wind tunnel using a
variable-speed electric motor as the power sourre. The electric motor
must be calibrated before using it with a propeller so the amounts of
aperage, wattage, etc. are known. Once this has been done, the pro-
peller and electric motor should be mounted in a model of the actual
nacelle to facilitate adequate measurement of the thrust developed by
the electric motor and propeller. If a curve of thrust versus velocity
is developed for sea-level conditions, it is a relatively simple matter
to generate curves for different altitudes. The only wind tunnel that
ig suitable for such tests on Wright-Patterson AFB is the AFIT Five-
Foot Wind Tunnel.

Glauert suggested that the propeller diameter should be small
relative to the jet diameter and that an open-throat wind tunnel should
be used. With these conditions met, no boundary layer corrections &are
required (Pope, 1966:362-363). The propeller requires uniform flow in
order to develop the maximum amount of thrust and to accurately deter-
mine its performance.

When data from the engine and propeller tests are obtained, they
can be mated to obtain the various performance curves for the engine
and propeller combination. The resulting performance maps can then be

used in the design process for the airframe.
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A plan should be developed that will permit reliability testing
of a number of engines over the desired time interval of operation.

Weather effects of the Propulsion system need to be studied.

For example, the effects of carburetor icing at all altitudes with-

in the flight regime, especially during periods of cold weather and

humidity and temperature effects, on engine performance should be

investigated.

The effects of engine vibration of the vehicle, when it is

equipped with and without vibration isolation mounts, should be

investigated. Also, safety wire should be used on nuts, bolts, etc.

on the engine and airframe to Preclude loosening from vibration,
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APPENDIX C-2

SAMPLE CALCULATIONS

Propeller Calculations

These calculations use the fixed-pitch analysis from NACA TR640

(Hartman, 1938). The design calculations are as follows:

V = flight speed

= 75 miles per hour
h = altitude above ground level (AGL) b

= 10,000 feet

g = p/po = density ratio = 0,7384
p = 0,001756 slug/ft3
N = engine speed

= 4000 rpm (or RPM)

BHP = 2.5 brake horsepower (input to the propeller

shaft)
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