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] it This effort was accomplished for the purposes of illuminating problem
1 areas in the context of a total weapon system concept and assessing the
, | impact of different propulsion system design approaches upon the total air-
i craft system weight and performance. it was performed as a thesis research
‘ y effort by AFIT students, and the resultant weapon system design concept is the
‘ Eal ‘ product of the design constraints selected by the students. The influences of
- : two of these constraints, the fuselage volume alloted per crew member, and
i d . thedesign wing loading are such that the resulting aircraft system size, weight,
|
}
{
!
|
4

; and power requirements are considerably larger than those obtained during
previous in-house studies or those reported by other competent investigators
examining similar mission requirements. Thus, it is important to note that the
design constraints, subsystem tradeoffs, aircraft configuration selection and
subsystem integration tasks were totally accomplished by the students and
are, therefore, not to be construed in any way as reflecting the opinion or
thinking of the Air Force or the Deputy for Development Planning.

Dr. Larry W. Noggle
ASD/XR (AFSC)
Wright-Patterson AFB OH 45433
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ABSTRACT

The objective of this study was to assess the feasibility of applying nuclear propulsion to
airkraft in performance of the Air Force mission. This was accomplished by using a systems
apfroach with the system divided into six areas: (1) Mission Selection, (2) Required Mission
Avidnics, (3) Aircraft Design, (4) Propulsion System Design, (5) Public Safety, and (6) Cost.

\irom several missions requiring a long endurance aircraft, the antisubmarine warfare
(ASW) mission was selected for the purpose of establishing point design parameters. Since
the mission avionics package was required to be relatively large, the weight was minimized
using a constraint of 0.95 reliability for a 14 day mission. The aircraft was designed utilizing
standard aerodynamic design techniques, considering mission constraints but optimizing to
require minimum thrust. From the several aircraft configurations analyzed, a canard config-
uration was chosen for final design consideration. The propulsion system, consisting of the
reactor, the heat transfer system, and the engines, was analyzed for various configurations,
including liquid metal and gas cooled reactors and indirect and direct cycle engines. A
probabilistic risk analysis was performed to determine the hazard to society in terms of deaths
caused by radiologicai exposure. Several cost modeling techniques were coupled with expert
opinion to form a probabilistic assessment of the life cycle cost of the point design aircraft. K

The overriding constraint of the study was the assumption that technology would limit an
aircraft gross weight to 2,000,000 Ibs in the 1990s. At this gross weight, an aircraft built using
conventional construction methods and powered by a liquid metal cooled nuclear reactor, but
using only chemical fuel for takeoff, would have a negative payload of 120,000 Ibs. If the
aircraft were constructed using advanced composites and a liquid metal cooled reactor with
chemical augmentation for takeoff, the payload would be 470,000 Ibs. By switching the liquid
metal reactor for a similarly constructed helium cooled reactor, the payload would drop from
470,000 Ibs to 210,000 Ibs. For each individual in the U.S., the risk of being killed by the
radioactive particles associated with one of the airborne 574 mw reactors, would be 9.34 x 108
per year, which is less risk than that of being struck by lightning. The 62,000 hr airframe life
cycle cost was estimated to be $26.4 billion for 60 aircraft.
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SECTION 1
INTRODUCTION

1.1 BACKGROUND

The last major effort to develop a nuclear powered airplane was the Aircraft Nuclear
Propulsion (ANP) Development Program which was terminated in 1961. The design objectives

of that program and the technology of that time were such that the program was unable to
meet its desian objectives.

Since 1961, acombination of several factors has served to renew interest in the concept of
a nuclear powered airplane. First, the United States is no longer self-sufficient in meeting its

energy needs in that it is now dependent on foreign sources to supply a portion of its total oil
demand. :

Second, nuclear technology has seen significant improvements since 1961. Develop-
ments in high temperature, gas cooled and liquid metal cooled reactors and refinements in
fuels for higher power density and longer life are examples of improvements which have given

support to the concept of a relatively lightweight nuclear power system for airborne applica-
tion.

Finally, changes in the performance requirements for a nuclear powered aircraft have
made the concept much more viable. In particular, the ANP program sought an aircraft with
supersonic speed capability, but no such requirement exists today. In fact, the guidance given
for this study said, ''Pick an Air Force mission(s) and determine whether or not nuclear power
can be utilized to perform that mission(s).”

1.2 OBJECTIVE

The objective of this study was to assess, through a comprehensive systems engineering
analysis, the feasibility of applying nuclear propuision to aircraftin the performance of the Air

" Force mission(s).

1.3 APPROACH

Since the ANP pragram, the several studies which have considered various aspects of the
nuclear powered airplane concept have been cursory in nature, or studied only a small part of
the problem, or both. For example, individual studies of mission application, aircraft design,
lightweight reactors, engines, and heat transfer systems have been made, but no study has
addressed the full scope of the concept in detail. No comprehensive nuclear aircraft safety
study has previously been accomplished. In order to address the full scope of the nuclear
powered airplane concept, a systems approach was used, with the system divided into six
maijor areas: (1) Mission Selection; (2) Required Mission Avionics; (3) Aircraft Design; (4)
Propulsion System Design; (5) Public Safety; and (6) Cost.

11
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Mission selection (Annex 2, Volume |ll) was the logical starting point for the study, since
the teasibility of a nuclear powered aircraft hinges on having a viable mission to perform.
Beginning with assumptions that the aircraft would be at least as large as the C-5A and that the
unique features which must be exploited are long endurance and/or long range, several
missions were analyzed for the applicability of nuclear power. One mission, antisubmarine
warfare (ASW), was eventually selected for the purpose of establishing point design
parameters.

The required mission avionics (Section 3, Volume ) was studied for two reasons: (1) the
mission selection had identified the ASW mission as one requiring a relatively large avionics
package, even for current mission durations; (2) the long endurance nature of the nuclear
airplane was expected to place extraordinary demands on the avionics package in order to
maintain an acceptable mission reliability. This study assumed a one order of magnitude -
improvement in avionics mean time between failure (MTBF) and then assessed the system and
subsystem redundancies that would be required to satisfy the mission reliability requirements.

Aircraft design (Section 4, Volume |) was accomplished using standard aerodynamic
design techniques, but within tive constraints of the mission requirements and the desire to
use the nuclear :apability to its greatest advantage. An iterative approach, employing all
known parameters, was used for each of several aircraft configurations, with a canard config-
uration finally being utilized for the point design.

The propulsion system [consisting of the reactor, the engines, and the heat transfer
system, is analyzed in Sections 5, 6, and 7 (Volume 1), respectively, with additional reactor
analysis provided in Annex 5, Volume |ll] was analyzed for various configurations, including
liquid metal and gas cooled reactors, and two different types of engines. Also included in the
analysis are such interface items as valves, piping, pumps, turbines, and heat exchangers.

Safety analysis (Section 8, Volume |) provides a two-phase, probabilistic analysis of the
risk of a nuclear powered airplane to the general public. The first phase, utilizing Fault Tree
and Event Tree techniques, analyzes the probability of releasing radioactive material to the
environment. The second phase, utilizing Monte Carlo simulation of dispersal of radioactive
material, analyzes the probability of death to any member of the public, given that a release of
radioactive material has occurred.

The last major area of analysis, cost (Section 9, Volume I} utilizes three methods of
estimating cost (cost estimating relationships, expert opinion, and cost of analagous items on
other aircraft), couplcd with probabilistic modeling techniques to give a probabilistic estimate
of the life cycle cost (LCC). Specifically, the result is presented as the LCC, discounted overa
10 year period, in terms of 1974 dollars.

The result is a detailed analysis of the applicability of a nuclear powered aircraft to the
ASW mission. It is believed that the results can be used for a wider range of evaluations by
serving as a basis from which to evaluate other missions and/or configurations.




SECTION 2
MISSION

2.0 BACKGROUND

In the early phase of the study, it was found that a large, subsonic, nuclear powered
aircraft could conceivably perform several Air Force missions. These missions were: (1)
antisubmarine warfare (ASW), (2) strategic airlift, (3) command and control, (4) airborna
warning and control, and (5) airborne missile launch. The ASW mission was chosen as the
point design mission because it readily lent itself to the operational nuclear safety considera-
tions and the aircraft designed for this mission could most easily be adapted to perform other
missions.

2.1 MISSION REQUIREMENTS

Mission requirements were estimated from an analysis of projected enemy submarine
capabilities. Design parameters were developed using the aircraft performance that was
necessary to fulfill the mission requirements. A summary of the aircraft and mission para-
meters is presented in Table 2.1-1. Parameters were selected using the following bases:

1) The two week mission duration is based on human factors. It was felt that fatigue,
boredom, vibration, etc., would impair flight safety after two weeks.

2) The crew component of 36 men assumes three shifts of 12 men each, performing
mission related jobs for eight hours per day. The 12 man crew is based on Navy studies for an
advanced ASW aircraft and is comprised of a four man flight crew and an eight man tactical
crew.

3) The 150 to 350 kts airspeeds are based on airspeeds currently used by the Navy
during ASW operations. It was anticipated that there would be no significant increase in the
speed of a submarine in the time frame addressed in this report. Consequently, current Navy
ASW operations speeds were deemed sufficient.

4) The requirement that the aircraft be able to operate from sea level to 30,000 ft is
compatible with projected ASW sensor capabilities.

5) The 130,000 to 200,000 Ibs payload is based on projected weights of avionics and
expendables as outlined in Section 3 and Volume Il

6) The takeoff and landingdistances insure thatthe nuclear aircraft will be capable of
using existing DoD airfields.

7) The nuclear powered aircraft was assumed to have unlimited range, therefore, the
radius of action was not of concern in this design study.
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A 8) The fleet size of 60 aircraft is based on an assumption that no more aircraft will be
| built than the number of Submarine-Launched Ballistic Missile submarines allowed by the
Strategic Arms Limitations Talks. ]

9) It was assumed that at least 20 years would be required to develop a nuclear
powered aircraft. The initial operational capability would then occur during the decade of the
1990s. ;

10) The aircraft lifetime of 62,000 hrs is based on the current high airframe time
experience of large commercial transports as discussed in Volume |Il.

il The complete mission discussion is contained in Volume Ill.

-’47A-¢----- -

; TABLE 2.1-1 AIRCRAFT PARAMETERS
| = -
i
; MISSION DURATION (HRS) | 336
!] (2 WEEKS)
i CREW COMPONENT 36 MEN
1. (3 SHIFTS OF 12 MEN)
| AIRSPEED (KTS) 150 AT SEA LEVEL
| 250-350 AT 30,000 FEET i
I ALTITUDE (FT) SEA LEVEL TO 30,000
i PAYLOAD (LBS) MINIMUM 130,000 [
| MAXIMUM 200,000
| TAKEOFF DISTANCE CLEAR A 35 FT OBJECT IN 12,000 FEET
. LANDING DISTANCE CLEAR A 50 FT OBJECT AND STOP IN :
, 12,000 FEET '
FLEET SIZE 60 AIRCRAFT ]
, loc 1990-2000 ~
LIFETIME 62,000 FLYING HOURS 9.
| i
!
i
t
|

2-2
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SECTION 3
AVIONICS

3.0 INTRODUCTION

This study examines the avionic requirements for a large aircraft performing a long
duration antisubmarine warfare (ASW) mission in the 1990s.

3.0.1 BACKGROUND: One of the more obvious advantages of a nuclear powered aircraftis its
inherent long mission duration capability, because nuclear power makes it possible to con-
sider mission length in terms of days rather than hours. This particular advantage, however,
does have a serious impact on the total avionic system. Specifically, given the capability to
remain airborne for periods of days, what kir.d and how much avionics are required to make
the mission viable? Certainly the type of avionics will be strongly influenced by the mission to
be performed by the aircraft. The amount of avionics, however, is directly a function of the
amount of aircraft space available to carry the equipment, the amount of aircraft payload
which can be dedicated to avionics, the reliability of individual subsystems, and the total
system cost.

While system costs are one of the driving factors of any development, the purpose of this
particular section was not to investigate individual avionic systems costs, but rather to
concentrate on the avionic system as a package to perform a specific mission. Estimates of
avionic cost can be found in Section 9 of this report.

Avionic systems reliability has traditionally been an area of intense interest, because
mission success usually depends upon individual systems operating when they are called
upon. Military avionics evolved as useful blfack boxes — first a radio, then navigation equip-
ment, then bombing systems and so forth. As each new generation of aircraft was developed,
the avionics became increasingly more sophisticated and complicated. Advances in solid-
state technology resulted in individual components generally becoming more reliable than
their earlier counterparts. However, because of the increased sophistication, the newer
systems tended to be less reliable than their predecessors (Ref. 99, p. 55-56). To alleviate this
situation, designers have turned to redundancy for some subsystems to insure that the desired
reliability is obtained.

3.0.2 STATEMENT OF THE PROBLEM: The areas investigated by this study are twofold. First,
identify those avionic subsystems, along with their parameters, required to perform a long
duration ASW mission. Second, assuming a growth in reliability of individual subsystems,
estimate total avionic system parameters. These parameters include system weight, volume,
power required, and redundancy.

3.0.3 SYMBOLS: The symbols listed in Table 3.0.3-1 will be used throughout this section.
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TABLE 3.0.3-1. LIST OF SYMBOLS

a PROPORTIONALITY CONSTANT

o COST FUNCTION

F(t) CUMULATIVE DISTRIBUTION FUNCTION

f(t) PROBABILITY DENSITY FUNCTION

H PAYOFF FUNCTION

M TOTAL NUMBER OF SUBSYSTEMS

MTBF MEAN TIME BETWEEN FAILURE

n NUMBER OF COMPONENTS IN PARALLEL

R(t) RELIABILITY FUNCTION

RP(t) RELIABILITY FUNCTION FOR PARALLEL SYSTEM

RS SPECIFIED SYSTEM RELIABILITY

RT(t) RELIABILITY FUNCTION FOR A SERIES-PARALLEL
SYSTEM
SET OF ALL POSSIBLE STRATEGIES

A NONNEGATIVE REAL NUMBER

v DUMMY VARIABLE

[ MEAN VALUE

3.1 METHOD OF ANALYSIS

As indicated in Section 3.0.2, two problems, system definition and parameter estimation,
were considered. |h order to maintain clarity, the background information, the assumptions,
and the problem solution methodology for each problem are presented separately in this
section.

3.1.1 SYSTEM DEFINITION: This section presents the methodology used to define the indi-
vidual systems which will comprise the avionic package for the nuclear powered aircraft.
Since it is assumed that the avionic equipment for this aircraft will not be developed for
another 15 to 20 years, there will be no attempt to identify specific requirements for individual
components. For example, if a radar set were required for this system, this study would not
identify requirements for transmitter frequency, power output, signal-to-noise ratios, etc.
Rather the effort is directed toward identifying functions which must be satisfied, and then

" listing a type of equipment which can satisfy that function. When listing the types of equipment

to be used, the tendency will be to list the equipment in terms of present day technology. This
is not to suggest, however, that systems fulfilling functional requirements 20 years hence will
bear any resemblance to today's technology. It would be unreasonable to assume that
electronics development will stagnate over the next 20 years. It is expected that new develop-
ments will continue to occur, and that these new developments will have just as profound an
impact on avionics as did solid-state technology and miniaturization. These expected de-
velopments may well change avionics as presently defined, yet the functional requirements for
various. types of equipment should still exist.
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3.1.1.1 ASSUMPTIONS: Several basic assumptions were made which impact the
definition of the avionic package. The first assumption relates to the length of the mission
performed by the aircraft and highlights one of the major advantages of nuclear power for
aircraft. It was assumed that the mission duration is measured in terms of days rather than in
terms of hours.

Section 2 of this study indicates that the principal threat to the United States are
Soviet submarines. It is assumed that these submarines will be capable of operating deeper,
faster, and quieter than present day submarines (Ref. 68, p. 1).

Enemy submarines are assumed to operate in any of the earth's oceans. This assump-
tion impacts the navigational requirements for the aircraft.

it is assumed that the equipment that will make up the avionic package will not be
developed for at least 15 or 20 years. During this time period, it is assumed that refinements in

manufacturing techniques and advances in technology will result in increases in equipment
reliability.

Asindicated in the statement of the problem, Section 3.0.2, the parameters of interest
for the avionic system are weight, volume, power and reliability. Estimates for these paramet-
ers were assumed to have the same values as present day equipment performing similar
functions. Recognizing that electronic equipment has tended to become smaller and lighter, it
is assumed that these estimates for the parameters of the equipment will provide a pessimistic
or a worse case estimate of the avionic parameter 20 years from now. A summary of assump-
tions for the system definition section of the study is provided in Table 3.1.1.1-1.

TABLE 3.1.1.1-1. SYSTEM DEFINITION ASSUMPTIONS

1. MISSION LENGTH IS GREATER THAN 24 HOURS.

2. SOVIET SUBMARINES ARE THE PRINCIPAL THREAT.

3. SUBMARINES WILL OPERATE DEEPER, FASTER, AND QUIETER.

4. ENEMY SUBMARINES WILL OPERATE IN ANY OCEAN ON THE EARTH.

5. AVIONICS EQUIPMENT FOR THE NUCLEAR POWERED AIRCRAFT WILL NOT BE
DEVELOPED FOR AT LEAST 15 YEARS AND DURING THIS TIME EQUIPMENT RE-

LIABILITY WILL INCREASE.

6. THE PARAMETERS OF INTEREST ARE WEIGHT, VOLUME, POWER, AND
RELIABILITY.

7. THE USE OF CURRENT SYSTEM PARAMETERS WILL PROVIDE A WORSE CASE
ESTIMATE FOR FUTURE SYSTEMS.




3.1.1.2 METHODOLOGY: Having made some basic assumptions relating to the air-
craft and its mission, avionic requirements were then defined. These requirements were based
on mission, threat, and enemy capabilities. it must be emphasized that these requirements are
not requirements in the strictest sense of the word. They are not demands or obligations which
must be met. Rather, these requirements simply define the limits on the types of equipment
which may be required to satisfy the mission and the threat. The requirements then were
translated into types of systems and equipment. In order to insure that the total avionic
package was considered, the avionic requirements were broken down into categories, func-
tional areas, and subsystems. Figure 3.1.1.2-1 illustrates this process. Each category in-
cludes a broad spectrum of requirements. The divisions between these categories are inde-
pendent of the requirements for the remaining categories. Each category was then divided
into functional areas. A functional area is defined to be those elements of the avionic system
which satisfy specific mission or aircraft requirements. Finally, each functional area is divided
into specific subsystems. These subsystems are the units which perform the required opera-
tions and are the units which make up the avionic package. Having defined an avionic system,
weight, volume, power, and reliability parameters were associated with each one of the
subsystems.

REQUIREMENTS

\4

CATEGORIES

v

FUNCTIONAL AREAS

M

SUBSYSTEMS

Figure 3.1.1.2-1. Avionic System Definition

3.1.2 ESTIMATION OF SYSTEM PARAMETERS: The method of estimating the avionic sys-
tem parameters was accomplished by develop'1g a system model and then applying optimal
estimate to this model. The objective was to determine what effect changes in component
reliability, overall system reliability, and mission duration would have on the system paramet-
ers of weight, volume, and power. Dynamic programming and LaGrange Multipliers were both
considered as methods to accomplish this task. However, the Dynamic Programming
technique required substantial amounts of computer resources and was dropped in favor of
the LaGrange Multiplier method. For continuity purposes, both methods are discussed.

3.1.2.1 ASSUMPTIONS: The estimation of avionic system parameters required that
further assumptions be made in addition to those made in Section 3.1.1.1. First, it was
assumed that the aircraft would be assigned to a geographical region and would patrol in that
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region for its entire mission. This assumption implies that the time spent patrolling is much
greater than the time spent traveling to and from the patrol region. Therefore, the avionic
utilization rate was assumed to approach one. In Section 3.1.1.1 it was assumed that avionic
equipment reliability will improve during the next 20 years. For the purpose of this study, it is
assumed that this improvement in system component reliability will be reflected in a tenfold
increase in mean time between failure (MTBF). This assumption is made to determine what
eftect, if any, increased component reliability will have on avionic system parameters such as
weight, volume, and power. Keep in mind that the total avionic system reliability for the long
duration was to be achieved through the application of redundancy.

It was assumed that the component failures, as a function of time, can be modeled by
an exponential function. This function has found widespread acceptance in the area of
reliability theory (Ref. 30, p. 183). Implied in the use of this function is that each component has
an operating life. This operating life is characterized by a burn-in period, a useful life period,
and awearout period. During the burn-in period, weak components die out and the failure rate
decreases. During the useful life period, the failure rate is at its lowest and remains constant.
During the wearout period, the component has exceeded its useful life and the failure rate
increases (Ref. 13, Ch. 5). The exponential function models the random failures that occur
during the useful life of the component and not the wearout or burn-in failure. implicit, then, is
that preventive maintenance has assured that the system components are neither in the
burn-in or wearout period.

As shown in Section 4, the aircraft itself is physically large. As a result, volume
requirements for the avionics were not considered critical, as in previous aircraft. However,
reduction in avionic system weight could provide additional usable payload for other systems.
Therefore, it was assumed that minimizing avionic weight will provide the greatest payoff. A
summary of these assumptions is contained in Table 3.1.2.1-1.

TABLE 3.1.2.1-1. SYSTEM PARAMETER ESTIMATE ASSUMPTIONS

1. TIME ON STATION IS MUCH GREATER THAN TIME IN TRANSIT.

2. EQUIPMENT UTILIZATION APPROACHES 1.

3. MTBF WILL INCREASE BY A FACTOR OF 10 OVER PRESENT SYSTEMS.
~ 4. FAILURES ARE MODELED BY AN EXPONENTIAL FUNCTION.

5. MINIMIZING SYSTEM WEIGHT WILL PROVIDE THE GREATEST PAYOFF.

3.1.2.2 PROBABILITY DISTRIBUTION FUNCTION: Recall from Section 3.1.2.1 that
the probability of a failure for any avionic component is modeled by an exponential function.
Implied in this assumption is that, at time, t, equal to zero, the probability of failure is zero




and as t becomes very large, the probability of failure approaches 1 (Ref. 13, p. 39). This
function can be modeled by the equation:

Fit) =1 - ' (3.1.2-1)

{ Graphically, this equation would appear as shown int Figure 3.1.2.2-1.

i 4

Fl1)

Figure 3.1.2.2-1. Assumed Failure Distribution

Taking the first derivative of Eq. 3.1.2-1 yields the probability density function (PDF) for the
avionics failure model.

det(Q— = f(t) = ae "

(3.1.2-2)

The mean value of the PDF is the expectation of Eq. 3.1.2-2:

[

. w={ ti ot
= 1/a

if the mean value for'the system is the MTBF, then:

| # = MTBF = 1/a
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Next define the reliability, R(t), of an avionic system as the probability that the system will be
operating at some time r > 0. Then the probability that the system is operating at 7 is:

} ae " dt
T

=e"“r

R(r)

Thus the reliability for any one component can be modeled by:

o~ TMTBF

R(r) = (3.1.2-3)

where 7 is the time interval of interest.

Consider now that redundancy has been introduced into the system. Suppose, for example,

that several of the same kind of systems are placed in parallel to increase the reliability of that
system. Figure 3.1.2.2-2 illustrates this concept.

: :

Figure 3.1.2,2-2, Parallel Components Model

The probability of failure for the parallel system, then, is:

Pr{(x fails) and (y fails) and . . . and (z fails)]
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However, if each unit in the parallel system operates independently of the remaining units,

then a failure in any one unit will in no way affect the operation of the remaining units. By
independence then:

Pr [(x fails)n(y fails) n. . .n (z fails)] = Pr [(x fails)] Pr [(y fails)] ... Pr [(z fails)] (3.1.2-4)

However, recall that each of the units in the parallel system is identical, then Eq. 3.1.2-4
reduces to:

Pr [ x fails | " '
where n is the number of units in parallel. !
From basic probability theory, it can be shown that: '

Pr [System Failure) = 1 — Pr [System Operating| (3.1.2-5)
Therefore, if the system is made up of n units in paraliel, then:
(Pr |System Failure])" = (1 — Pr [System Operating])"
From Eq. 3.1.2-3:

Pr [System Operating) = e~ */MTH¥

Therefore, the probability of system failure for n units in parallel is:

(1 — e-T/vrneyn (3.1.2-6)

Eq.3.1.2-6 gives the "“worst case’’ prediction of a redundant network for the followir{g reasons:

1) It assumes all units are operating all of the time.

2) It assumes that the whole network is needed for the entire mission.
The reliability of a parallel system, RP(t), can then be defined as the probability that the parallel
system is operating at time, 7.
From Eq. 3.1.2-5:

RP(r) = 1 — (1 — e T/MTmyn (3.1.2-7)

Eq. 3.1.2-7 models the avionic system as if it were made up of one component with n units in

parallel. Consider now that the avionic system is made up of many components, and each of
the components had n units in parallel. Figure 3.1.2.2-3 illustrates this concept.
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Figure 3.1.2.2-3. Series-Parallel Model

Note that there is no restriction on n for the M components. It is assumed that a failure of any
one group of components is independent of the failures of any other group of components.
The reliability of the total system, RT(t), is defined as the probability that the total system has at
least one unit of each component operating at time 7. By independence:

M M —7/MTBF, n,
RT (1) = |l-l| RP (1), = |l-l|[1 -(1-e ) ] (3.1.2-8)

Eq. 3.1.2-8 models the reliability function for the total avionic package. The possibility arises,
however, that all n components in the ith subsystem might fail! Implicit in the model is that the
avionic system reliability RT(t) may not be met. It would be a matter of command policy and
criticality toward the mission of the failed subsystem to determine if mission abort were
warranted. )

3.1.2.3 DYNAMIC PROGRAMMING: Dynamic Programming was the first technique
considered to solve the constrained avionic weight-minimization problem. The problem was
to find the combination of parallel components that minimize the .overall system weight
subject to a system reliability constraint for a fixed mission duration. Essentiaily, the method
presents a means of systematically examining combinations of series-parallel systems and
selecting that combination which satisfies the problem. The algorithm was tested against a
sample problem. Based on those results, it was estimated that excessive computer time would
be required to solve the avionic problem. As a result of the computational requirements, this
technique was dropped in favor of an algorithm which required less computer resources.
Detailed information concerning the Dynamic Programming technique, along with applica-
tions, sample problems, and computer techniques can be found in References 90, 142, and
162.

3.1.2.4 LAGRANGE MULTIPLIERS: As with Dynamic Programming techniques, the
problem to be solved by the LaGrange Multiplier is to find the combination of parallel
components which would minimize the overall weight, subject to a reliability constraint.
Unlike Dynamic Programming, however, the LaGrange Multiplier algorithm provides a direct

39




J e

solution to the problem. In addition, some taGrange techniques require less computer
resources than Dynamic Programming (Ref. 50, p. 412). The problem is to minimize a scaler
function H(x) of an n-dimensional vector x, which is defined on some closed n-dimensional
region R, subject to the side conditions:

o (x) =0 k=12...p<n

It is no longer possible to vary x freely. In minimizing H(x), only those x which satisfy the
constraints may be considered. Let S denote the set of points x which satisty all the side
conditions ¢, (x)= 0. It is assumed that S is a non-empty set, that is, a set in which ihe
constraints are not inconsistent with each other. The problem then is to:

Minimize H(x)
subject to
¢, (x) = RS - RT(r) = 0

By the method LaGrange tipliers, an augmented function is defined as:

Ak o R
L) = HOY + X A by ()

where A ,k=1,2,...p<narenon-negative real numbers corresponding to the number of side
conditions or constraints which must be satisfied. To apply this method to the avionic

parameter estimation problem, recall from Eq. 3.1.2-8 that the total system reliability function
is defined to be:

nnﬂ=ﬁ|n—(1—mﬂl

where:
a=a 7/MTBF,

The total system weight is:

M

W = |" n;, C, (3.1.2-9)
=1

where C is the weight of the i" unit and n is the number of parallel components in the iMunit.
The problem is to minimize the total system weight subject to the constraint that the total
system reliability, RT(r), is equal to a specified reliability, RS. If the total system weight, W, is
considered to be the scalar function H(n), and the system reliability the constraint, then the
problem can be put in the form of an augmented LaGrangian:

M M 9
L=EnC+A [RS-11 (1-(1-a)M) (3.1.2-10)
I=1 l=1 .
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Thus, by the method just described, it is only necessary to minimize L for each h independent-
ly. This is accomplished analytically by taking the first derivative of Eq. 3.1.2-10 and setting it
equal to zero:

aL

. C+ IARS(1 —a)MiIn(1 —a)l/[t-(1-aMm=0 (3.1.2-11)
i

The value of n can be found by taking the log of the equation and solving algebraically:

n, = {In (C/RSA)-In [C/RSA — In (1 — a)]} /in (1 - a) (3.1.2-12)

The interpretation of Eq. 3.1.2-12 is that, for some A, the n; calculated will give the minimum
total system weight for a specified reliability. The procedure is to select an initial value for A
and compute the augmented LaGrangian function L from Eq. 3.1.2-10. A new value of A is then
selected and the computations repeated until L is minimized, i.e.,

LI - Lz -8
i i <10

This yields the optimum numbers n;. However, the solution will not always yield integer values
for n; and itis meaningless to consider a fractional component. Therefore, the technique used
is to find the solution that minimized the LaGrangian, L, and then round the values of n; to the
nearest integer value. The LaGrangian was then recomputed and the percent difference
between the integer and noninteger solution was found. The error which resulted from
rounding the values of n; varied from less than 1% to as much as 8% for various solutions. It
was reasoned that the error in the LaGrangian was within the iimits of the errors for the

estimates of individual component weights and consequently was an acceptable solution for
an estimate of total system weight. ’

In order to obtain an initial value of A it was assumed that each of M components had an equal
reliability. This means that Eq. 3.1.2-8 can be written as:

RS =[1 - (1 — a)™M ' (3.1.2-13)

Solving for n;

n = {In {1 - EXP (In RS/M)li/in (1 - a,) ' (3.1.2-14)
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Substituting this value of n; into Eq. 3.1.2-12 and soiving for A gives:
A, = — C, EXP [(In RSYM]ARS [1 — EXP [(In RS)/M]] In (1 — a))}

An initial estimate of A was found by obtaining the arithmetic mean of all the A . A is then
iterated around this initial value until a minimum value of the augmented LaGrangian is found.
A computer code was written to perform these operations. Execution time for this set of
equations on a Control Data Corporation 6600 computer system is apdroximately 400 mil-
liseconds. The resuits are given in Section 3.2.2.

3.2 RESULTS

This section discusses the finding for the two problems posed in Section 3.0.2. Results for
each problem are considered separately.

3.2.1 SYSTEM DEFINITION: As explained in Section 3.1.1.2, the definition of the components
that would make up the avionic package for the nuclear powered aircraft required that several
steps be taken. These steps included developing requirements and establishing categories,
functional areas, subsystems, and parameters.

3.2.1.1 AVIONIC REQUIREMENTS: When considering avionic requirements, one
must keep in mind the mission of the aircraft and the threat it may encounter. Although the
mission and threat have been discussed elsewhere in this report, they wi!l be highlighted here
as they pertain to the avionics. As stated in Section 2, the mission is to search for and identify
enemy submarines and surface ships, and then to take whatever military action is necessary.
As noted in Section 3.1.1, it is assumed that Soviet submarines will have the capability of
operating with increased speed, at greater depths, and quieter than present day submarines.
These capabilities will place greater demands, in terms of sensitivity and responsiveness, on
the sensors in future avionic packages. In addition, the mission requires that the aircraft locate
surface ships as well as submarines. Therefore, the sensors must be capable of locating
enemy vessels either on or below the ocean surface.

Several tactics may be employed when searching for enemy vessels. One tactic is to
observe the enemy while he performs routine activities, which suggests that the observer
remain covert for as long as possible and, in turn, suggests tive use of passive sensors. Passive
sensors allow the observer to gather information about the enemy without giving away his own
presence. This can be a distinct advantage if, for example, the ASW effort during a cold war
situation is one of intelligence gathering. Passive sensors can be either acoustic or nonacous-
tic. Nonacoustic sensors gather information in the geomagnetic and electromagnetic spectra.
However, operation need not be limited only to passive sensors.

Active sensors can provide additional information in terms of range, bearing, size,
etc., of the target when covert operation is not possible. As with passive sensors, active
sensors can be either acoustic or nonacoustic. The nonacoustic sensors operate in the
electromagnetic spectrum. Since it was assumed that mission duration for this aircraft is
measured in terms of days, the capability of gathering information should not be severely
hampered by darkness, fog, haze, or other low light conditions.
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In addition to the sensor requirements, general aviation avionics are required, includ-
ing communications, navigation, flight controls, controls and displays. Communications are
required to provide command and control and other information to the air crew. The capability
of a nuclear powered aircraft to remain in flight for extended periods of time and to have
virtually unlimited range dernands a requirement for reliable long range communications.
Also, reliable short range communications are required for critical operations of the flight,
such as takeoff and landing. Because of the long mission durations, situations may arise
where secure communications may be required. Thus, some form of encrypting may be
needed. Also, some raw data from the sensors may be of such a nature that it would be
desirable to transmit these data to headquarters prior to completion of the mission requiring a
data link.

Since itis assumed that enemy submarines and ships can operate in any of the earth’s
oceans, it would be desirable that the aircraft be capable of navigating to any position on the
earth. Inertial navigation is desirable since, during ani« period of hostilities, the aircraft would
not be dependent on external navigational aids. Navigationa! errors can accumulate during a
long duration mission. Consequently, a method of updating the navigation system to minimize
accumulated errors is desirable. Navigational updates can be accomplished by either active or
passive devices. Passive devices are desirable in the event that the aircraft is operating in a
covert mode.

Returning to the iong duration mission, automatic flight controls are desirable to help
alleviate fatigue which may result from long periods of routine flight. In additior, in the
presence of aerodynamic changes, automatic flight controls can help to provide a more stable
platform in which to work.

Controls and displays are required to effectively display all pertinent information in a
form readily usable by the operators.

In addition to all of the foregoing, the nuclear power plant will require its own
avionics. This equipment is needed to insure that reactor power levels are accurately main-
tained; to mnitor reactor and aircraft radiation levels; and to maintain surveillance of critical
temperatures, pressures, and flow rates. Also, this equipment must be capable of protecting
the reactor, the aircraft crew, and the populace in the event of malfunction or emergency.

Finally, to insure proper operation of the avionic equipment, it is desirable that all of
the avionics have sufficient amounts of built-in test equipment that can detect a malfunction
or an out-of-tolerance condition. This test equipment would detect when any function was not
being properly performed by the avionic device and would switch to an alternate or back-up
device.

3.2.1.2 CATEGORIES: The avionic requirements were broken down into three
categories (Figure 3.2.1.2-1): Common, Tactical, and Power Generation. As indicated in
Section 3.1.1.2, ideally each category would be independent of the others. However, in a large
integrated system, the division line between categories is not distinct, and some overlap may
occur. Overlap occurs when one piece of equipment is capable of fulfilling requirements in
more than one category. For example, a multipurpose display unit could present information
from all categories.A description of the categories used in this study follows.
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Figure 3.2.1.2-1. Avionic Categories

The Common equipment is that avionics which would be found on any modern
aircraft. It is the equipment which is required for operation of the aircraft and is generally not
associated with the aircraft's mission.

The Tactical equipment is that avionic equipment which is peculiar to the aircraft's
mission, including all the sensors and other devices that allow the aircraft to perform its
assigned mission.

The -Power Generation avionics is that equipment which is associated with the
nuclear reactor and its peripheral equipment.

3.2.1.3 FUNCTIONAL AREAS: Each category was broken down into functional
areas, each of which satisfies specific requirements. Each functional area was then ‘broken
down into individual subsystems to satisfy the requirements.

Functional areas for the Common categ~ry are Navigation, mission and traffic con-
trol, instruments and aircraft systems, computers and controls and displays (Figur2 3.2.1.3-1).

INSTRUMENTS CONTROLS
NAVIGATION MTC & COMPUTERS &
SYSTEMS DISPLAYS

Figure 3.2.1.3-1. Common Functional Areas
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Navigation equipment provides accurate data regarding aircraft position, altitude,
velocity, and other parameters. The subsystems which will support the navigation functional
area shown in Figure 3.2.1.3-2 are: inertial navigation set (INS); radar; Doppler radar; radar
altimeter; and astrotracker. The basic navigation function is provided by the INS. Updates to
the INS are provided by passive and active sensors; the passive device is the astrotracker. Note
that the radar set is a device which transcends two categories. It is used for the enroute
navigation functions for weather avoidance, and also can be used tactically to locate enemy

vessels.
| NAVIGATION |
RADAR 5
INS RADAR DOPPLER ALTIMETER ASTROTRACKER

Figure 3.2.1.3-2. Navigation Subsystems

Mission and traffic control (MTC) equipment provides the means of coordinating with
ground stations and other members and elements through radio frequency communication.
Thisincludes voice, navigation aid, and information or identification communication. (Ref. 24,
p. 4-73). The mission and traffic control equipment is shown in Figure 3.2.1.3-3. UHF and HF
radios provide short and long range communications, respectively. The VHF equipment, used
as a communications link with sonobuoys, will be discussed later, The secure speech set
provides a means of encrypting and decrypting voice communications. The datalink provides
a means of communicating information which may be awkward or impossible to accomplish
through voice communications. This information mightinclude such items as aircraft position
and status reports and sensor data. The navigation aids include tactical air navigation
(TACAN), instrument landing set (ILS), automatic direction finder (ADF), and long range
navigation (LORAN). In future systems, the LORAN may be replaced or complemented by the
global positioning system (GPS). For the purpose of this study, only LORAN is considered; but,
it is assumed that, if the GPS system is realized, the weight, volume, and power requirements
will be essentially the same as present day LORAN. The functions provided by beacons and
identification friend or foe (IFF) are evidenced by their names and will not be discussed.

Instruments and aircraft systems are avionic equipment which are aids necessary for
the pilot to perform flight functions. The subsystems which make uf this area are automatic
flight controls, air-data system and standby altitude indicating systzm (Figure 3.2.1.3-4). The
functions provided by these subsystems are self-explanatory.

315




MTC

| 1 | A
vt pen HF VHF UHF
[ ] | I
RADIO
DATA LINK NAV AIDS INTERCOM IFF - BEACON

( vacan )|(C aor  )|(C woran ) (C e ) ( Bzacons )
C ws ) ( omea )

Figure 3.2.1.3-3. Mission Traffic and Control Subsystems
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Figure 3.2.1.3-4. Instruments and Aircraft Systems Subsystems




Although it was not specifically required, a digital computer complex was included in
the avionic package because digital techniques lend themselves to efficiently manage, store,
retrieve, manipulate, and format the vast amounts of data that are collected by the sensors and
systems of the avionic package. in addition, digital techniques aid in system integration and
provide greater flexibility to modify the equipment to suit mission requirements (Ref. 99). The
computer complex functional area was not broken down into individual subsystems, but was
treated as a subsystem in itself.

Controls and displays provide the necessary devices for an operator to interface with
the avionics equipment. The controls permit the operator to enter data into and make requests
from the avionic system. The ise of digital techniques for data handling permit great flexibility
in display format. Display faces include warning lights, electromechanical displays, video
displays, and digital discrete displays. The subsystems of this functional area are shown in
Figure 3.2.1.3-5.

CONTROLS
AND

DISPLAYS

MULTIPURPOSE

DISPLAY mTC AUX

Figure 3.2.1.3-5. Controls and Displays Subsystems

The muliipurpose display is a device that allows the operator to select desired
information and display it in a video format. Since it was assumed that digital techniques are
used, it woula only be necessary to format the data to fit the video device. Thus, all information
would be available at each crew station equipped with this display. Information which is
presently displayed on an ADI and NSI would be displayed on devices of this type. This study
calls them HSD and VSD. The MTC subsystem are those controls and displays necessary to
operate the mission and traffic control equipment. The auxiliary subsystem consists of those
controls and displays that are not included in the previous two subsystems.

The Tactical category is broken down into the following functional areas: penetration
aids; sensors; and controls and displays. These are shown in Figure 3.2.1.3-6.




TACTICAL

CONTROLS
PEN AIDS SENSORS AND

DISPLAYS
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Figure 3.2.1.3-6. Tactical Functional Areas

The penetration aids subsystems consist of radar homing and warning (RHAW) and
electronic countermeasures (ECM). RHAW equipment detects airborne or ground based
threat radars, analyzes the received signals, and presents the information to the aircraft crew
for evaluation. The ECM is used to degracie the performance of enemy air defense systems.
This equipment provides increased aircrait survival during hostile activities by destroying the
enemy's sensor capability of determining the aircrait's true range and angle (Ref. 26, p. 29).
The interference blanker keeps the aircraft's own radiated emissions from interfering with the
aircraft sensors. These subsystems are displayed in Figure 3.2.1.3-7.

INTERFERENCE
BLANKER

—— e

Figure 3.2.1.3-7. Penetration Aids Subsystems

The sensors subsystems include search radar, acoustic sensors, electro-optical sen-
sors, and magnetic anomaly detector (MAD) which are shown in Figure 3.2.1.3-8. The search
radar provides relative range, bearing, and azimuth to an enemy vessel. This subsystem,
however, is included in the Common category, in the navigation functional area.
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Figure 3.2.1.3-8. Sensor Subsystems

The acoustic sensors provide information about enemy submarines by analysis of
sounds that either emanate or are reflected from the vessels. Devices are deployed in the
ocean to collect this audio information and transmit it, by radio, to the aircraft where it is
stored and analyzed. The radio link is considered in the Common category under MTC.
Processing of the information is accomplished by the computer complex. Storage is ac-
complished on an audio recorder.

The electro-optical subsystem includes forward looking infrared (FLIR) and low light
television (LLTV). These devices provide target identification information. LLTV provides
visual information during night of low light level conditons. FLIR provides a visual representa-
tion of the thermal contrast in aground scene (Ref. 24, p. 4-28). FLIR can be used as an adjunct
to LLTV during fog or haze conditions.

Finally, the MAD subsystem detects perturbations, caused by metallic objects, in the
earth's magnetic field. This equipment is used in the terminal phase of the ASW activity to

refine the position and confine the classification of the target (Ref. 68, p. 5).

Tactical communications are accomplished using the same equipment as presented
in the Common category under the heading MTC.
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The controls and displays are essentially the same as those previously presented. A
multimode video display set is envisioned for the display of sensor data. This device allows the
operators to select the desired information which is then presented in a video format. Thus
each sensor operator would be using the same type of equipment, only the information
displayed at each station would be different.

The Power Generation avionics is that equipment associated with the nuclear reac-
tor. The subsystems are sensors, processors, and controls and displays (Figure 3.2.1.3-9). The
sensors monitor the reactor and associated equipment for proper operation, including power
levels, radiation, temperatures, pressures, and flow. The processor works in conjunction with
the computer complex, interfacing the sensors with the computer and performing any reactor
safety or monitor functions. The controls and displays are of the multimode type previously
discussed.

POWER
GENERATION

CONTROLS
SENSORS PROCESSOR AND
DISPLAYS

Figure 3.2.1.3-9. Power Generation Subsystems

3.2.1.4 AVIONIC COMPONENTS AND PARAMETERS: A complete list of the avionic
subsystems and their associated weight, volume, power, and assumed MTBFs is contained in
Table 3.2.1.4-1. These parameters were obtained by examining present day systems which
perform similar functions, including systems from the B-1, C-5A and FB-111 aircraft, and from
manufacturer data. Some reliability information was obtained through the use of MIL-STD-
756A, Military Standard for Reliability Prediction. Recall, from Section 3.1.2.1, that the MTBF
for the avionics was assumed to have improved by a factor of 10. Weight and volume estimates
consider only the subsystams themselves and do not include estimates for mounting racks or
interconnecting wiring. Also, it is assumed that the reactor sensor parameters are included in
these estimates of the overall reactor parameters. Reactor parameters can be found in Section
5 of this report.
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TABLE 3.2.1.4-1. AVIONIC COMPONENTS AND PARAMETERS

UNIT SUBSYSTEM VOL (FT3) | POWER (VA)| WEIGHT (LBSJMTBF (HRS)
1 INERTIAL 0.802 2452 30 30d
2 | RADAR 6.00° 5500% ase® 6P
3 | DOPPLER 1.90° 50¢ 156 409
4 | R ALTIMETER 0.30® 110° 1ne 709
5 | ASTROTRACKER 1.90f sof 1s! 3od
6 | SECURE SPEECH 0.252 30® 78 1509
7 | HF RADIO 1.20° 800? 540 504
8 | VHF RADIO 0.56" 425" ash 4oh
9 | UHF RADIO 0.562 4250 33 409

10 | DATA LINK 0.54° 1202 17? 1509
11 | INTERCOM 1.20! goo' 54! 3509
12 | TACAN 0.372 160° 29° 609
13 | ADF* ~ 0.30° 518 158 60®
14 | sy 0.122 518 8® 1509
15 | LORAN 0.80° 2508 228 609
16 | IFF 0.33° 1502 220 909
17 | BEACONS o.10l 16l 3l 1504
18 | OMEGA? 1.10K 200k 6ok 150k
19 | AIR DATA 0.282 452 122 3so™m
20 | AuTOPILOT 1.400 2358 612 . 30d
21 STBY ATTITUDE 0.392 1602 252 509
22 | RHAW?? 0.912 2258 852 509
23 | ecmbb 3.84° 7200° 2182 509
24 | INTERFERENCE 0.102 1002 58 1509
25 | COMM/NAV DISP 0.218 202 152 2789
26 | MTC capc¢ 0.492 8352 302 509
27 | au capdd 0.49" 8as” 3oP s0P
28 | vsoee 0.892 4732 432 409
29 | wnsoff 0.899 4739 439 409
30 | AUDIO RECORDER — —f —f ’
31 | MAD99 - —T —f —

3-21




-t e -

e . |

TABLE 3.2.1.4-1. AVIONIC COMPONENTS AND PARAMETERS (Cont.)

UNIT SUBSYSTEM VOL (FT?) | POWER (VA)| WEIGHT (LBSYMTBF (HRS)
32 | LLTvhh 1.22° 2300 - 678 259
33 | FuRl 1.228 2308 678 258
34 | MULTI-DISPLAY 4.75t 3gst go! 278t
35 COMPUTERS _— —f —f —f
36 | misc csoll 0.499 8354 309 509
37 | R PROCESSORKK 4.40Y 200Y ' 60" 4400Y

FOOTNOTES
a) Weight, volume, and power estimates are based on ASD/XR avionics estimates for similar equipmenton an

b)

¢

d

U]

9

h)

h

k)

m)

P)

q)

"

advanced aircraft (Ref. 10).

Failure rates based on equipment performing similar functions on the C-5A aircraft (Ref. 108).
Estimates based on the Kearfott 8[(0-2100 Doppler Set (Reft. 158).

Fallure rates based on equipment performing similar functions on the FB-111 aircraft (Rof.'O'l).
Assumed physical parameters to be approximately the same as a doppler set.

Fallure rates based on estimates using MIL-STD-756A (Ref. 123).

Assumed physical parameters to be approxlmatoly the same as a UHF radio.

Assumed the intercom had station-to-station addressing and full duplex capabilities. Assumed the
physical parameter to be approximately the same as the HF radio.

Estimates based on Motorola SST-131 transponder (Ref. 126).

Estimates based on Northrop AN/AIIN--W(V)Z Omega (Ref. 133).

Estimates based on C-5A Air Data System (Ref. 158).

Parameters assumed to be the same as Mission and Traffic Control controls and displays.
Parameters assumed (o be the same as Vertical Situation Display.

See Annex 3 of Volume i,

s)

9

u)

Parameters assumed to be the same as Low Light Television.
Estimates based on Tektronics Video Display (Ref. 37).

Estimates made by Dr. 7. Blakiey, Ohio State University, Reactor Facility (Ret. 17).
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TABLE 3.2.1.4-1. FOOTNOTES (Continued)

v) Fallure rates are based on failure data from Handbook For Nuclear Power Facilities and WASH-1400 report
(Ref. 185, p. 19-20; 98, p. 1-445).

w)  These MTBF do not include the assumed 10X improvement, l.e., lho;o are the present values.
x) ADF - Automatic Direction Finder
y) ILS - Instrument Landing Set
i 2) Omega - Worldwide radio navigation system
" aa) RHAW - Radar Homing and Warning
bb) ECM - Electronic Countermeasures
cc) MTC C&D - Mission and Traftic Control Controls and Displays
dd) AUX C&D - Auxiliary Control and Displays
e8) VSD - Vertical Situation Display
f. ff)  HSD - Horizontal Situation Display
i gg) MAD - Magnetic Anomaly Detector
:! } hh) LLTV - Low Light Television
}
“' i) FLIR - Forward Looking Infrared
in MISC CaD - Miscellaneous Controls and Displays

kk) R Processor - Reactor Processor

——

3.2.2 ESTIMATION OF TOTAL SYSTEM PARAMETERS: This section presents the results of
applying the data in Table 3.2.1.4-1 to the methods outlined in Section 3.1.2.4, LaGrange
Multipliers. For example, consider a worse case condition where a 14 day mission is specified
to be 0.95 reliable. The allocation of components for each subsystem would be as shown in
Table 3.2.2-1. The numbers in the quantity required column indicate the number of redundant
components for each subsystem. It is important to emphasize that this list is the combination
of components that will minimize overall system weight and yet achieve a 0.95 reliability for a
period of 14 days. There has been no effort toward placing a priority or weighting factor on the
importance '

P Py

-
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TABLE 3.&;2-1. AVIONIC REQUIREMENTS FOR NOMINAL 0.95 RELIABLE
SYSTEM 14 DAY MISSION

|
QUANTITY QUANTITY
SYSTEM REQ SYSTEM REQ
1 INERTIAL 18 |AIR DATA 4
| RADAR 6 |AuTO PILOT 17
I DOPPLER 15  |STBY ATTITUDE 1
RADAR ALTIMETER 9 |RHAW 10
ASTROTRACKER 20 |ECM 8
| SECURE SPEECH 6 |INTERFERENCE BLANKER 7
! HF RADIO 10 |COMM/NAV DISPLAYS 4
: VHF RADIO 13 |MTC DISPLAYS 1
’ UHF RADIO 13 |AUX DISPLAYS 1
' DATA LINK 6 !vSD 13
E INTERCOM 4 |HSD 13
{ TACAN 10  |[MAD 16
; ADF 10 |AUDIO RECORDER 8
‘; ILS (3 LLTV 20
i LORAN 10 [IR 20
H IFF 7  |TACTICAL DISPLAYS 4
b | BEACONS 7 |COMPUTER 16
OMEGA 5 |MISC DISPLAYS 1
.’ SYSTEM WEIGHT — 28,867 LBS
; i SYSTEM RELIABILITY — 0.947

The reactor processor MTBF, as listed in Table 3.2.1.4-1, was estimated to be in excess of
4000 hours. This high MTBF would probably force the computer model to allow only single
allocations of redundancy to this unit. Because of its critical function, this device was as-
sumed to have triple redundancy, and its weight, volume, and power requirements were added
to the totals manually. Triple redundancy was assumed in order to allow the built-in test
equipment to vote between the three systems to determine which system has failed.

-t . e ame
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3.2.2.1 MISSION LENGTH vs RELIABILITY: Figure 3.2.2.1-1 presents the results of
minimizing system weight using the LaGrange technique. In this figure, the system reliability is
held constant, while system weight is plotted as a function of mission duration. This figure
provides an indication of how the system weight increases as mission duration increases.
However, these figures do not provide an insight into the overall composition of the avionic
package. Consequently, an average component redundancy was found. This was ac-
complished by the application of

M
Z= I;fln./M
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Figure 3.2.2.1-1. Avionic System Weight vs Mission Length
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for various system reliabilities and mission durations. Z was rounded to an integer and results
were plotted (Figure 3.2.2.1-2). The dashed line in the figure represents Z. Intuitively, one
would expect Z to be a horizontal line indicating a constant weight. However, recall that Z is an
average and that the algorithm may vary the parallel resource allotments to achieve a different
system reliability. Consequently, the resources allocated to achieve a 50% reliable system may
be different from the resources allocated to achieve a 90% reliable system. For example,
suppose an avionic package is to be designed such that, on the average, each subsystem
would have quadruple redundancy and the total system is specified to be 95% reliable. Then
the system weight would be approximately 8,700 Ibs and the mission duration would be about
3days. Ifthe mission were extended to 4 days, with the 8,700 ibs of equipment, then the system
reliability would drop to slightly less than 90%.

30
’ /
2
RELIABILITY 4
o.9/
/ V
= 8
g Lz ¥ /
%
% AVERAGE REDUNDANCY / / 0.70 /
: b 6 —M— 3 .
g ~
12 / / / 0.50 e
5 L [—-1
Y
: ~
9 y, / 7\‘&
/ W / S
¢ /] o o % /
G
2
A
3 ,:7
0 e —
0 2 ‘ 6 8 10 12 14
DAYS
Figure 3.2.2.1-2. Redundancy Required to Meet System Reliability and Mission Length
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3.2.2.2 VOLUME REQUIREMENTS: The volume of the avionic equipment associated
with the weight, system reliability, and mission duration presented in the previous section is
contained in Figure 3.2.2.2-1. In Section 4, the volume of fuselage was estimated to be about
540,000 cu ft. From Figure 3.2.2.2-1, the greatest volume required for the avionics is 600 cu ft.
This estimate does not include mounting racks. Even if the mounting racks quadrupled the
total avionic volume, it would stiil be less than 1% of the total aircraft volume.

VOLUME FT3

I
RELIABILITY

0.70

e
==

played in Figure 3.2.2.3-1. These estimates represent a worse case situation, in which all
subsystems are in an operate mode.

Figure 3.2.2.2-1. Avionics Volume vs Mission Length

3.2.2.3 POWER REQUIREMENTS: Power requirements for the avionics are dis-




270
240
210
RELIABILITY
0.95
180
P 150
>
x
w
= 0.70
g 42 Y. /
/ /o.so /
- / / /430 7474
/ / A /
" / / o / é/
30
0
0 2 4 6 8 10 12 14
DAY
Figure 3.2.2.3-1. Power Requirements

3.3 CONCLUSIONS

3.3.1 REDUNDANCY: As indicated in Figure 3.2.2.1-2, greater than quadruple system redun-
dancy is required to achieve a 90% reliable system which can operate more thay 4 days. The
redundancy for the avionics is bought at the expense of aircraft payload. This payload could
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be utilized more efficiently forexpendables or even for reducir.g aircraft gross weight. it would
seem that, to achieve a long duration missicn, an alternative 1o redundancy would be desir-
able.

J.3.2 ALTERNATIVES TO REDUNDANCY: Redundancy achieves reliability by providing
spares at the subsystem level. One alternative to redunc'ancy is to provide the crew with the
capability to perform in-flight repair of the avionics. This notion presumes that sufficient
testing capability and spare parts are on board the aircraft to correct any avionics malfunction.
However, this idea presents some formidable probiems. The first relates to testing and:
isolation of the malfunction. In order to make a redundancy scheme feasible, built-in test
equipment was included. This test equipment performs end-to-end test of each subsystem.
The end-to-end tests of a subsystem determine if that system is operating properly; however,
little if anything can be said about the nature of the malfunction. If in-flight repairs are to be
included, then it will be necessary to isolate the malfunction to some level lower than the
subsystem level. If each subsystem is assumed to be a black box, then the next level down is
the module. The testing then must isolate the malfunction to -module level. If sufficient
amounts of test equipment were included in the avionics to isolate the malfunction to module
level, then in-flight repair could be accomplished. To provide the capability of in-flight repair
to the module level will require substantial changes in testing capability and maintenance
philosophy. The in-flight test equipment would have to perform the same functions as per-
formed by ground equipment, yet weigh less than this redundant avionic system previously

_discussed.

3.3.3 RECOMMENDATIONS FOR ADDITIONAL STUDY: Determine what impact in flight
repair would have, if any, on the weight of the total avionic package.
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SECTION 4
AIRCRAFT

4.0 INTRODUCTION

A study to determine the feasibility of a nuclear powered airplane is primarily a study of the
aircraft's propulsion system. The requirements that the pronulsion system must meet are
determined by aircraft size and weight and mission performance requirements. The relation-
ship between these three areas is shown schematically in Figure 4.0-1. As indicated in the
figure, the design process entails both interaction between the subsystem designs and
iteration of system parameter estimates to arrive at a final acceptable system design. The
primary purpose of this section is to describe the process by which the propulsion system
requirements were determined and to enumerate those requirements. The airframe design
itself, however, does provide inputs to determine the feasibility of a nuclear powered airplane.

A secondary purpose of this section is to investigate those airframe related aspects of
teasibility.

)
] 7

OPULSION
MISSION AIRCRAFT - PRSVSTEM SYSTEM
REQUIREMENTS DESIGN DESIGN DESIGN

Figure 4.0-1. Design Tasks Relationship

The mission requirements were determined in Section 2 and are summarized in Table
2.1-1. The table is reproduced here, as Table 4.0-1, for the convenience of the reader. Mission

parameters of primary importance to the aircraft design were airspeed, altitude, payload, and
takeoff and landing distances.

The airframe design methodology is shown in the flow chart of Figure 4.0-2. The section
numbers on the chart refer to other major sections of this report. The dashed-line box of
Figure 4.0-2 represents the aircraft design box of Figure 4.0-1.




TABLE 4.0-1. AIRCRAFT PARAMETERS
MISSION DURATION (HRS) | 336
(2 WEEKS)

CREW COMPONENT 36 MEN
(3 SHIFTS OF 12 MEN)

AIRSPEED (KTS) 150 AT SEA LEVEL
250-350 AT 30,000 FEET

ALTITUDE (FT) SEA LEVEL T0 30,000

PAYLOAD (LBS) MINIMUM 130,000
MAXIMUM 200,000

TAKEOFF DISTANCE CLEAR A 35 FT OBJECT IN 12,000 FEET

LANDING DISTANCE CLEAR A 50 FT OBJECT AND STOP IN
12,000 FEET

FLEET SIZE 60 AIRCRAFT
10C 1990-2000
LIFETIME 62,000 FLYING : “URS

The design of a nuclear powered aircraft posed a problem somewhat different from that of
designing a conventional chemical powered aircraft. Not only did the aircraft have to fulfill the
antisubmarine warfare (ASW) mission requirements, butit also had to use nuclear power to its
best advantages. Standard aerodynamic design techniques were used throughout the design
process, but were modified as necessary because of this difference. v

The initial problem in the aircraft design was to make an estimate of the aircraft gross
weight. Because of the large weight of the reactor, the gross weight will be quite high.
Theoretically, the gross weight could be determined as a function of the payload, airspeed,
and altitude requirements. In practice, however, that function is very complex and usually
cannot be determined in a closed form. Therefore, the design method used was a parametric
analysis in which aircraft gross weights were assumed and wing loadings and payloads were
calculated as a function of gross weight. Then it was an easy matter to determine the wing
loacing with the best payload potential consistent with mission requirements. The aircraft
gross weight was broken down into component weight elements to determine the weight
available for the nuclear propulsion system and the payload. With the wing loading deter-
mined, performance estimates were made which dictated the aircraft power requirements.
These power requirements were used to estimate nuclear propulsion systems weights. With
all aircraft component weights estimated, the required payload dictated the point design
aircraft gross weight.
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Figure 4.0-2. Aircraft Design Methodology

Several candidate aircraft configurations were considered and the most appropriate
configuration was selected in light of the concept of airborne nuclear power and mission
requirements. Among the configurations considered were a conventional wing and tail, a
canard with the horizontal tail forward of the wing, a flying wing, and a twin body type aircraft.




Following configuration selection, a sizing analysis was conducted on the critical aircraft
components to insure the feasibility of that configuration. An estimate of overall aircraft
parameters such as weight and balance, aircraft dimensions, and aircraft performance was
made for the selected point design aircraft.

Appendix A.4.1 contains numerical examples of the aircraft design method for most of the
subsections that follow. Two computer programs were developed to aid in investigation of the
aircraft design. One program was used to perform the parametric gross weight analysis and to
determine aircraft parameters. The logic flow chart for that program is contained in Appendix
A.4.2.1. The second program was developed to analyze the wing as a critical substructure of
the airframe. The logic flow chart for the program is contained in Appendix A.4.2.2,

The symbols list shown in Table 4.0-2 is presented as an aid to understanding this
section. In those cases where a symbol is used only once in the section and explained there, it
is not included in this list.

TABLE 4.0-2. SYMBOLS LIST

ACCELERATION

ASPECT RATIO = (WING SPAN)?/WING AREA
CANARD SPAN

WING SPAN

LOCAL CHORD

COEFFICIENT OF DRAG
COMPRESSIBILITY DRAG COEFFICIENT
INDUCED DRAG COEFFICIENT
PARASITE DRAG COEFFICIENT

SPEED BRAKE DRAG COEFFICIENT
COEFFICIENT OF LIFT

MAXIMUM LIFT COEFFICIENT
TAKEOFF LIFT COEFFICIENT

ROOT CHORD

TIiP CHORD

DRAG

DISTANCE

DRAG TO THRUST RATIO

DISTANCE FROM QUARTER CHORD TO ELASTIC AXIS
MODULUS OF ELASTICITY

FORCE
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TABLE 4.0-2. SYMBOLS LIST (Continued)

LD
LF

MAC

GRAVITATIONAL CONSTANT
MODULUS OF RIGIDITY
AIRCRAFT GROSS WEIGHT
AREA MOMENT OF INERTIA
TORSIONAL STIFFNESS

LIFT

LIFT TO DRAG RATIO

LOAD FACTOR

MASS

BENDING MOMENT

MEAN AERODYNAMIC CHORD = 2/3 C,
MEGAWATT

NAUTICAL MILE

SHEAR FORCE

DYNAMIC PRESSURE = %pV?
MAXIMUM DYNAMIC PRESSURE
RATE OF CLIMB

RATE OF DESCENT

CANARD AREA

HORIZONTAL TAIL AREA
SPEED BRAKE AREA
VERTICAL TAIL AREA

WING AREA

THICKNESS

THRUST

CLIMB THRUST

CRUISE THRUST

TOTAL THRUST

THICKNESS RATIO = THICKNESS/CHORD
VELOCITY

DIVERGENCE SPEED

STALL SPEED

TOUCHDOWN VELOCITY

REZEZLEY

1+2




TABLE 4.0-2. SYMBOLS LIST (Continued)

WING BEAM LOADING

MATRIX OF WEIGHTING FACTORS
WING STRUCTURE WEIGHT

WING LOADING

GROSS WEIGHT TO THRUST RATIO
ANGLE OF ATTACK

TAPER RATIO = (2t /CR

DENSITY, RADIUS OF GYRATION
DENSITY RATIO = p @ ALTITUDE/p @ SEA LEVEL

STRESS

4.1 INITIAL WEIGHT ESTIMATION

An initial weight estimation was made to determine a point design aircraft gross weight
and wing loading. The point design gross weight was determined by estimating the weight of
the following component parts of aircraft gross weight:

1) structural weight
2) chemical engine weight
- 3) chemical fuel weight
4) fixed equipment weight
5) nuclear propulsion system weight
6) payload

The difference between the sum of the first five and the aircraft gross'weight resulted in the
sixth, payload.

This approach determined possible aircraft gross weights which would satisfy the mis-
sion payload requirements of 130,000 to 200,000 Ibs. Results of the above calculations were
then compared to the findings of the nuclear propulsion system analysis (Sections 5, 6, and 7)
to determine the point design aircraft gross weight.

These calculations also resulted in the selection of an optimum wing loading consistent
with the mission requirements of operating altitudes from sea level to 30,000 ft at speeds of 150
to 350 kts. The aircraft speed and altitude determined the lift to drag ratio (L/D) of the study
aircraft which, in turn, dictated the propulsion system power required. This power is directly
related to the nuclear propulsion system weight, which is a major component of gross weight.
Both L/D and structural weight are functions of wing area; therefore, the wing loading has a
direct relationship to potential payload for any aircraft gross weight.

46
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The initial weight estimation was only the first step in the preliminary aircraft design. Two
of the major components of gross weight, structural weight and nuclear propulsion system
weight, are reexamined after the aircraft configuration selection. Component parts of the
aircraft structure are evaluated in Section 4.4, Sizing Analysis, and the total weights of the
nuclear propulsion system are computed in Sections 5, 6, and 7.

An initial weight analysis of the six component parts of aircraft gross weight is made in the
remainder of Section 4.1. A numerical example of this analysis is contained in Appendix
A.4.1, Sections A.4.1.1 through A.4.1.8.

4.1.1 STRUCTURAL WEIGHT: The structure consists of the wing, fuselage, landing gear,
engine nacelles, and empennage. Using weight data from a study of jet transports, Gerald
Corning developed the following formula for structural weight estimation (Ref. 33, p. 29):

. 9.8 GW
STRUCTURAL WEIGHT = [0.16 o AP W ] K K Ka (4.1.1-1)

where: GW = aircraft gross weight
W/S = wing loading = GW/wing area
t/c = wing thickness ratio = thickness/chord
A = wing taper ratio = tip chord/root chord
AR = wing aspect ratio = (wing span)?/wing area
K = correction factors for t/c, AR, and A (Ref. 33, p. 32)

Corning's method was used for the initial structural weight estimation because it takes
into account wing loading and wing planform. Eq. 4.1.1-1 was checked against the C-5A and
Boeing 747 structure weicht and the results indicated a 15 to 20% error, which was deemed
acceptable for an initial nstimate. The results of Eq. 4.1.1-1 are shown in Figure 4.1.1-1 for
aircraft gross weights of 800,000 to 3,000.000 'bs and wing loadings of 20 and 150 Ibs/sq ft.

4.1.2 CHEMICAL ENGINE WEIGHT: The second component of aircraft gross weight is the
weight contributed by the chemical engines. An assumption of the study was that takeoff and
landing will be accomplished with chemical power only. This operating restriction will be
discussed further in Section 4.1.3, Chemical Fuel Weight.

The size and weight of an aircraft jet engine depends on many variables. The most
prominent of these variables is the sea level static thrust of the engines. Other variables, such -
as manufacture and designer, have only minor influence on the weight. Therefore, this study
used the required takeoff thrust as the one variable which determined engine weight.

4.1.2.1 TAKEOFF THRUST ESTIMATION: For a transport type aircraft, the highest
gross weight to thrust ratio, or thrust loading (W/T), will be required at takeoff. It was assumed
that the thrust would be required to lift off the aircraft over a 35 ft obstacle in a 10,000 ft
distance. This 10,000 ftdistance will allow the study aircraft to use existing Air Force runways.

.
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Figure 4.1.1-1. Structural Weight as a Function of Gross Weight

Corning used empirical data for subsonic jet aircraft values of drag to thrust ratios
(D/T) to derive a relationship between takeoff distance and a parameter K (Ref. 33, p. 24).
Figure 4.1.2.1-1 is a plot of this relationship. The parameter K is related to aircraft parameters
such that:

K = (WIS)WIT)(1/C_;o)(Ve) (4.1.2-1)

where: W/S = wing loading
W/T = thrust loading
CT1o =takeoff lift coefficient
o = air density ratio
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To avoid stall conditions during takeoff, C_ 1o Was assumed to be 75% of C . x-
C_max is the maximum lift coefficient with full flaps, which was assumed to be 2 for initial

estimation. A value of 2 for C,,,., is well within the parameters of a number of subsonic
airfoils.

With the assumed takeoff distance, K was obtained from Figure 4.1.2.1-1 and the
required thrust loading calculated from Eq. 4.1.2-1 such that:

P Ko CLTO
W/S
10,000 1
8,000
6,000
TOD
IFT)
4,000
2,000
100 200 300 400 500
K = (W/8) (W/T) (V/C g0 (1)

Figure 4.1.2.1-1. Takeoff Chart: Thrust Loading as Determined by Takeoff Distance

The air density ratio accounts for hot day conditions. This study used a hot day takeoff ;
at 100°F, at which the value of the air density ratio is 0.926.

4-9




Since the thrust of a jetengine is reduced by about 10% due to this high temperature,

the W/T obtained above was reduced by 10% to assure that enough thrust was available for
takeoff.

therefore: takeoff thrust required = AT
09Keo C 19

Figures 4.1.2.1-2 and 4.1.2.1-3 show graphically how gross weight and wing loading
atfect takeoff thrust and structural weight. Note that gross weight and wing loading have a

major effect on the required takeoff thrust while wing loading has a minor effect on structure
weight.

4.1.2.2 ENGINE WEIGHT AS A FUNCTION OF THRUST: The weight of the chemical
engines was determined as a function of the required takeoff thrust calculated above. The
method used in this study was empirical and was based on the weights and sea level static
thrusts of presently available jet engines. A plot of engine weight vs sea level static thrust was
made foi 26 current high thrust jet engines. A curve was then fitted through the data points by
the least squares method which resuited in the followirg formula for engine weight:

Engine Weight = EXP [ In (ih;“;‘;)9+ 1.36 ]

(4.1.2-2)

with one standard deviation 18% of the mean.

Details and development of Eq. 4.1.2-2 are contained in Section 6.1 of this study.

Eq. 4.1.2-2 was applied with the takeoff thrust estimation to estimate chemical engine
weight. For example, the TF-39, C-5A engine, has a sea level static thrust of 40,000 Ibs. By use
of Eq. 4.1.2-2, the estimated weight of this engine is 7039 Ibs. The actual weight of the TF-39 is
7311 Ibs, which is within 5% of the estimate. Note that thrust in Eq. 4.1.2-2 must be thrust per
engine which results in weight per engine.

4.1.3 CHEMICAL FUEL WEIGHT: Dr. Larry Noggle, Nuclear Propulsion Program Manager,
Deputy for Development Planning, Aeronautical Systems Division (ASD), predicts that a
nuclear powered aircraft will be restricted to chemical takeoff and landing with the reactor
shut down below a certain altitude. Further, Dr. Noggle states that the aircraft should have a
limited chemical cruise capability in case of reactor failure (Ref. 134). These restrictions are a
natural extension of today's concern over nuclear power plant safety.

Based on data assembled by Corning, chemical fuel weight was estimated at 16% of
aircraft gross weight (Ref. 33, p. 20). This chemical fuel weight is the amount of JP-4 which

would be required for takeoff, landing, a 500 to 1000 nm emergency cruise, and required
reserve.
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If it were permissible to use nuclear power for takeoff and landing, and the chemical
cruise capability were eliminated, the chemical fuel weight could be greatly reduced. Chemi-
cal power used only to supplement the nuclear power available for takeoff and initial climb
would reduce the weight of chemical fuel required to approximately 4% of gross weight. This
estimation is based on the specific fuel consumption of two 40,000 b thrust TF-39 engines
during takeoft and climb to 30,000 ft. This 80,000 Ibs supplementary thrust is the additional
thrust required for a 2,000,000 Ib aircraft to take off on nuclear power.

if the reactor is to operate at full power during takeoff and landing, a complete evaluation
of the safety aspects of both aircraft crash and ground radiation is required (Sections 5 & 8).

4.1.4 FIXED EQUIPMENT WEIGHT: The fourth part of aircraft gross weight was defined as
fixed equipment. Fixed equipment consists of the crew weight and all the weight directly
related to crew comfort and many miscellaneous items. The miscellaneous items, such as

hydraulic and electrical systems, instruments, and emergency equipment are subject to
considerable variation.

The method used to determine this weight was to examine modern large transport aircraft
to find the percent of gross weight that could be classified as fixed equipment. WithJane's All
The World Aircraft as a guide, aircraft component weights of the DC-10, Boeing 747, and C-5A
were estimated (Ref. 171, p. 274, 336, 353). The result of this analysis was that fixed equipment
comprised about 7 to 9% of the three aircraft's gross weights. This rationale resulted in the

_selection of 10% of aircraft gross weight as the fixed weight estimation.

The above analysis may be compared to a Corning estimation technique. This technique
allots 4%2% of gross weight to miscellaneous and 390 Ibs per crew member (Ref. 33, p. 34).
Applied to the study aircraft this would result in about 6% of gross weight for fixed equipment.

With the length of mission envisioned for the study aircraft, the 10% allotment was considered
the more realistic.

4.1.5 NUCLEAR PROPULSION SYSTEM WEIGHT: The last item of aircraft gross weight
required to find an estimated payload is the nuclear propulsion system weight. This weight
estimation is only intended as a rough approximation. A refined nuclear propulsion system
weight will be found in the results of the analyses of reactor, heat transfer, and engines
(Sections 5, 6, and 7).

The preliminary estimation of the nuclear propulsion system weight was found by estimat-
ing the aircraft power required at cruise:

At cruise: thrust (T) = drag (D) & lift (L) = GW
Therefore: L/D = GW/T or T = GW/(L/D) (4.1.5-1)
And: power = thrust x velocity (V)

From Eq. 4.1.5-1 itis apparent that the determining factor in the thrust required for a given
gross weight is L/D. Therefore, it is necessary to digress and determine the aircraft's L/D.
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4.1.5.1 LIFT TO DRAG RATIO (L/D): The method used to estimate the study aircraft's
L/D was again developed by Corning (Ref. 33). Corning’s technique is to estimate the lift anc

drag coefficients (C, and Cj) from basic definitions and historical data on transport aircraft
such that:

Lift/Drag = C /Cp (4.1.5-2)
Lift = V2p S, V2C_

where: Sy = Wing Area = GW/(W/S)
at cruise lift = GW

and: C_ = (2GW)/(p SyyV?) (4.1.5-3)

Total Drag Coefficient Cy = Cpp + Cpyy + Cpe {4.1.5-4)
Cpp: Cp) Cp are defined and calculated below.
Cpp = Parasite Drag = F/S, (4.1.5-5)

where F = sum of wetted area times friction coefficient

The triction coefficient for the size and speed of the study aircraft should be approxi-

mately 0.003 for wing, 0.0024 for fuselage, 0.006 for nacelles and 0.0025 for empennage (Ref.
33, p. 36).

The tail surface areas are a function of the wing area, the nacelle areaa function of the
engine thrust, and the fuselage area a function of the number of passengers the aifcraft could
carry ifit were an airliner. Therefore, (F) can be written as a function of these variables. From a
Corning study of jet transports the following equation was evolved (Ref. 33, p. 36):

F = 1.1+ 0.128 NP + 0.007 Sy + 0.0021 NE (T)~ (4.1.5-6)

where: NP = number of passengers
NE = number of engines
T = static sea level, takeoff thrust per engine

The size aircraft required for this study will be about twice the size of the Boeing 747,
so 1000 passengers were assumed for NP in the parasite drag estimation.

Cp: Cp, = Induced Drag = C| %/( = AR e) (4.1.5-7)
where: e = wing efficiency factor ~ 0.8 (Ref 33, p. 37)

Coc'’ Mission requirements specify a cruise speed of Mach 0.6 at 30,000 ft. At this
Mach, the aircraft was assumed to cruise very near critical Mach speed.
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Thereforc: ©y, = Compressibility Drag = 0.002 (Ref. 33, Ch. 2, p. 44). Coc
only contributes about 6% of the total drag; therefore, a large error in the C
assumption will only have a small effect on the overall L/D result.

This L/D estimation technique was checked against the Boeing 747 and less than 5% error
resulted.

Wing loading, lift-to-drag, thrust, altitude, and air speed are compared graphically in
Figures 4.1.5.1-1 through 4.1.5.1-4. From Eq. 4.1.5-1 thrust is equal to gross weight divided by
L/D; therefore, the minimum cruise thrust is at the maximum L/D for a given air speed and
altitude. This is shown in Figures 4.1.5.1-1 and 4.1.5.1-2.
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Figure 4.1.5.1-2. Thrust and L/D as a Function of Wing Loading
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In addition to determining thrust, the aircraft L/D is instrumental in determining
optimum wing loading. This wing loading will be determined by the required cruise speeds
and altitudes. After discussions with Prof. Larsen, Head of AFIT's Aero Design Center, it was
concluded that the cruise speed should be at about 80% of maximum L/D and at a speed
greater than that speed which yields the maximum L/D (Ref. 94). The cruise L/D will be
discussed further in Section 4.4.4, Cruise Performance. Figures 4.1.5.1-3 and 4.1.5.1-4 indi-
cate that the optimum wing loadings for mission air speeds and altitudes is about 60 Ibs/sq ft.
The optimum wing loading will be examined again in Section 4.1.7.1, Optimum Wing Loading.

4.1.5.2 NUCLEAR PROPULSION SYSTEM WEIGHT AS A FUNCTION OF REACTOR
POWER: It was assumed that the nuclear reactor weight would be 95 to 98% of the total
nuclear propulsion system weight. This small weight difference was ignored for the prelimi-
nary estimate and the weight of the nuclear reactor was assumed to be the total nuclear

propulsion system weight. Recall that this estimation is only intended to be a rough approxi-
mation.

The power calculated by Eq. 4.1.5-1 and the cruise velocity was converted to nuclear
reactor power required by using a 35% efficiency factor for thermal to mechanical power
conversion. This efficiency is consistent with the efficiencies achieved in today's nuclear
power plants. Fifteen percent additional power was assumed and added to this power esti-
mate for additional aircraft power requirements (hydraulics, etc.) Fifteen percent is based on
the C-5A’s 12 to 15% auxiliary power requirement. This resulted in the nuclear reactor power
required to fly the aircraft at cruise conditions.

The resulting reactor power was applied to the most recently available aircraft reactor
data, the Westinghouse Low Specific Weight Powerplant (LSWP) data shown-"in Figure
4.1.5.2-1, to estimate the nuclear propulsion system weight for both gas and liquid metal
reactors (Ref. 190).

4.1.6 PAYLOAD: The estimated availabie payload for each aircraft gross weight was the
difference between the gross weight and the sum of the structural, chemical engine, chemical
fuel, fixed equipment, and nuclear propulsion system weights required for that gross weight.
This method of estimating payload required iteration of aircraft gross weight and wing
loading, at the required mission speed and alititudes, over a range of values. The gross weight
was examined from 800,000 to 2,400,000 Ibs. and wing loading was iterated from 20 to 150
lbs/sq ft. These results can best be compared in graphical form.
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Wing loading, gross weight, and payload are compared in Figures 4.1.6-1 through 4.1.6-6.
Figures 4.1.6-1 and 4.1.6-2 show that the best payload potential for an 800,000 and 1,600,000 b
gross weight aircraft is at a wing loading of 50 to 60 Ibs/sq ft. Figures 4.1.6-3 and 4.1.6-4 are a
summary of the payload for three different weight aircraft (800,000, 1,600,000, and 2,400,000
ibs). Figure 4.1.6-3 is the result with a gas reactor, and Figure 4.1.6-4 is for a liquid metal
reactor. Again the best payload is at a wing loading of 50 to 60 Ibs/sq ft.
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Figure 4.1.6-5 shows a comparison of payload and aircraft gross weight for four reactor
configurations at a wing loading of 50 |bs/sq ft. Figure 4.1.6-6 shows the payload expressed as
percent of aircraft gross weight. Note that the payload percent appears to approach an
asymptote as the gross weight approaches eight to ten million Ibs.
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Figure 4.1.6-5. Payload vs Gross Weight
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4.1.7 INITIAL WEIGHT ESTIMATION RESULTS: The preceding weight analysis resulted in
optimum wing loading and a point design aircraft gross weight. The optimum wing loading
was derived from L/D estimation and potential payload at mission speeds and altitudes. The
point design gross weight selection resulted from analysis of the nuclear propulsion system
component weights, initial aircraft weight estimation, and discussions with aircraft design
experts. ’

4.1.7.1 OPTIMUM WING LOADING: The initial weight estimation resulted in the
selection of an optimum wing loading consistent with mission requirements of operating
altitudes from sea level to 30,000 ft at speeds of 150 to 350 kts.

In Section 4.1.5, Nuclear Propulsion System Weight, it was shown that the aircraft’'s
L/D has adirect relationship to the potential payload. This relationship is shown graphically as
a payload-wing loading comparison in Figures 4.1.6-1 through 4.1.6-4. The result of both
Sections 4.1.5 and 4.1.6 was that the optimum wing loading for the study aircraft should be
between 50 and 60 Ibs/sq ft.

The physical size of the wing was also a consideration. The wing size should be as
small as practicable. Wing area is inversely proportional to wing loading. Therefore, at the
mission speeds and altitudes, the optimum wing loading should be 60 Ibs/sq ft.

4.1.7.2 POINTDESIGN AIRCRAFT GROSS WEIGHT: Preliminary nuclear propulsion
system weight estimates (Section 4.1.5) proved to be underestimated by 50 to 70% as a resuit
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of the reactor, heat transfer, and nuclear engine analysis (Section 5, 6, and 7). Therefore the
aircraft's gross weight will be required to be as large as is considered practicable.

Discussions were held with Prof. Larsen of AFIT, Maj. Koob, Mr. Diggs and Mr.
Armstrong of the Air Force Flight Dynamics Laboratory, and Mr. Maas of ASD's Deputy for
Development Planning to determine what is a practicable size aircraft for the 1990-2000 year
timeframe (Refs. 9, 40, 94, and 105). The consensus of the discussions was that the technology
limit for this timeframe was about 2,000,000 Ibs gross weight. As a result of these discussions
and the analysis of this study, the point design aircraft gross weight was set at 2,000,000 Ibs for
the following reasons:

1) LANDING GEAR: A 2,000,000 Ib gross weight is considered the upper limit for
conventional land based landing systems. For gross weights in excess of 2,000,000 lbs, water
and/or surface effects landing systems may prove to be more effective.

2) LANDING FIELDS: An aircraft in excess of 2,000,000 Ibs may require takeoff and
landing distances exceeding conventional runway dimensions.

3) STRUCTURE WEIGHT AND COST ESTIMATES: Present structure weight and cost
estimation techniques may not be viable for gross weights in excess of 2 to 2¥2 times current
technology.

4) REACTOR PARAMETERS: Reactor weight and power parameters have not been
developed for the size reactors required for aircraft in excess of 2,000,000 Ibs (Ref. 190). For
example, a 2,400,000 Ib gross weight aircraft will require in excess of 600 Mw of reactor power.

5) TECHNOLOGY LIMIT: The Lockheed Georgia Company has projected a tech-
nology limit of about 2,000,000 Ibs for the 1990 to 2000 year timeframe (Ref. 127, p. 14). Figure
4.1.7.2-1 depicts the history of aircraft gross weights and Lockheed's technology limit.
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Figure 4.1.7.2-1. Aircraft Weight Trends
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4.2 AIRCRAFT CONFIGURATION

The aircraft analysis techniques presented thus far apply to any configuration of aircraft.
The question arose whether the propulsion system design and the total weapon system design
were sensitive to aircraft configuration. The best approach in answering that question would
have been to design and optimize each candidate configuration aircraft and then choose that
configuration which best met the design objectives and requirements. However, limited
manpower resources for aircraft design necessitated a qualitative sensitivity analysis of the
several candidates and a more detailed design of the configuration that appeared to be most
promising.

Each configuration was considered in relation to the following set of criteria:

1) performance

2) radiation hazard

3) structural risk

4) crew comfort

5) stability and control
6) maintainability

A configuration which reduced reactor power required, reactor weight, and airframe weight
over another c&figuration was considered to be a better configuration. Therefore the first

three criteria were considered more important than the last three.

4.2.1 CANDIDATE CONFIGURATIONS: Four candidate configurations were examined:
conventional wing and tail, canard with horizontal tail first, flying wing, and twin body. The
three variations of the canard which were examined are explained in Section 4.2.1.2. Domi-
nant advantages and disadvantages of each configuration are discussed in the following
subsections. The configurations are shown in Figures 4.2.1.1-1 through 4.2.1.4-1.

4.2.1.1 CONVENTIONAL AIRCRAFT: Figure 4.2.1.1-1 shows the overall configura-
tion required in a conventional wing and tail design. The conventional aircraft presents the
classical design problem. Almost all large aircraft designs are of this type.

4.2.1.2 CANARD AIRCRAFT: The canard configuration was selected as a candidate
because it offers several advantages over a conventional aircraft. The canard configuration
offers a possible reactor shielding weight reduction due to the reactor radiation attenuation
over the large distance from the reactor to the crew compartment. It offers a probable
structural weight savings over a conventional aircraft because the canard surface provides
lift. That means that the wing may be smaller than the wing for a conventional aircraft and,
thus, lighter. Also, the canard lift acts counter to the weight of the fuselage, thus reducing the
loads that the fuselage structure must carry. According to Corning, canard configured aircraft
have shorter takeoff and landing rolis; the horizontal control surface is out of the wing wake,
so its behavior is much mnre predictable; and the engines are far back from the crew
compartment and thus decrease the noise to the crew (Ref. 33, Section 9-15). One disadvan-
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Figure 4.2.1.1-1. Conventional Aircraft

tage of the canard configuration is that the long distance from the aircraft center of gravity to

the crew compartment makes the effects of yaw and pitch rates on the crew worse than those
in conventionally configured aircratft.

Figure 4.2.1.2-1 shows the overall configuration required in a straight wing canard
aircraft design. This configuration provides greater accessibility to the reactor than the

conventional layout and offers the possibility of a modularized propulsion system. It does
require an extremely large vertical tail area for stability.

In an effort to reduce this large vertical tail area, the effects of wing sweep were
investigated. In general, a swept wing has greater weight than a straight wing, but it does
reduce the vertical tail area considerably. Figure 4.2.1.2-2 shows the overall configuration of a
canard aircraft design with the wings swept aft. This layout retains the advantages of reactor
accessibility and prospects for a modularized propulsion system, but it presents a rather
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Figure 4.2.1.2-1, Straight Wing Canard

glaring disadvantage. The incidence angle of the wing with the tuselage axis, combined with
the aft sweep, acts to droop the wing tips very close to the ground. With enough sweep to
reduce the vertical tail area, the wing tips may actually touch the ground.

Figure 4.2.1.2-3 shows the overall configuration of a canard aircraft design with the
wings swept forward. This configuration is differenit trom the sweep aft configuration, in that it
moves the wing tips up from the height in the straight wing layout. it does have two disadvan-
tages: it obviates reactor accessibility by moving the reactor forward of the wing; and, a
forward swept wing, in general, has a low divergence speed.
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Figure 4.2.1.2-2. Sweep Aft Canard

Figure 4.2.1.2-3. Sweep Forward Canard
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4.2.1.3 FLYING WING AIRCRAFT: Figure 4.2.1.3-1 shows the overall configuration
required in a flying wing design. The flying wing design offers some advantage in greatly
reduced parasite drag which would reduce the thrust requirement. This, in turn, would act to
reduce the required reactor size and weight. However, this layout has the shortest distance
between the reactor and the crew compartment, and would require thicker and heavier reactor
shielding. It would have the minimum fuselage structural weight of the several configurations,
and the minimum pitch and yaw effects on the crew. Another advantage is the replacement of
the fuselage weight point load with a distributed wing load, thereby providing an inertia relief
effect and decreasing the maximum wing shear force and bending moment, However, flying
wing designs historically have had severe stability and control problems.
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Figure 4.2.1.3-1. Flying Wing




4.2.1.4 TWIN-BODY AIRCRAFT: Figure 4.2.1.4-1 shows the overall configuration of a
twin-body aircraft design. The twin-body design is based on the Virtus aircraft designed by
Turbo Three Aircraft Corporation (Ref. 182), and offers ease of maintenance and increased
aircraft availability with its modularized, pod-mounted reactor. The reactor pod could be
removed and replaced much faster on this design than on the other candidate configurations,
thus making it available to fly with much less maintenance time. With the use of dedicated
nuclear and chemical fuel engines, the aircraft could be flown without the reactor pod or with
acargo pod. This design has smaller wing moments than either the conventional or flying wing
configurations; therefore, the wing structure could be somewhat lighter. The twin-body
configuration is the only one that lends itself to use of an air cushion landing system, since the
twin fuselages give a great deal of roll stability during takeoff and landing.
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Figure 4.2.1.4-1. Twin Body Aircraft
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This configuration would probably have the greatest drag and would, therefore,
require more power to attain cruise performance. Crew members in the twin bodies would
experience roll rate effects not inherent in the other configurations. Landing impact loads
would be somewhat more severe and the design would require a more complex structural
analysis.

4.2.2 CONFIGURATION SELECTION: The merits of each of the other configurations relative
to the conventional configuration are shown in Table 4.2.2-1. Each configuration was ratec as
having increased, decreased, or no change in capability from the conventional aircraft in the
six criteria listed at the beginning of Section 4.2.

TABLE 4.2.2-1. CONFIGURATION COMPARISON

CANARD FLYING WING | TWIN-BODY
PERFORMANCE INCREASED INCREASED DECREASED
RADIATION HAZARD DECREASED INCREASED NO CHANGE
STRUCTURAL RISK DECREASED DECREASED NO CHANGE
CREW COMFORT DECREASED INCREASED DECREASED
STABILITY AND CONTROL INCREASED DECREASED NO CHANGE
MAINTAINABILITY NO CHANGE INCREASED INCREASED

After comparing the advantages and disadvantages of the several candidate config-
urations, it appeared that the strainht wing canard design offered the best total system. It
offered the advantages of requiring a somewhat smaller wing (saving on structure weight and
required thrust) and of requiring somewhat less reactor shielding (saving on shielding
weight). The only major disadvantage to th.2 straight wing canard was the large vertical tail
arearequired. By locating the wing and reactor somewhat forward on the fuselage, the vertical
tail area was reduced to a reasonable size. Figure 4.2.2-1 shows the point design configura-
tion. Subsequent detailed aii craft analyses are based on this aircraft configuration.

4.3 SIZING ANALYSIS

After the aircraft wing loading, gross weight, and configuration were selected, the overall
aircraft was sized. A preliminary sizing analysis was conducted on the aircraft subsystems
which determine aircraft dimensions and redefine structural weight. This weight analysis
included a refined structural weight estimation, wing weight buildup to compensate for
aeroelastic effects, and additional fueslage weight required for reactor mounting. A simplified
landing gear analysis was also conducted to examine the number and size of aircraft tires and
struts required on the point design aircraft.
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Figure 4.2.2-1. Point Design Configuration

This preliminary analysis was conducted only on:

1) tail/canard surface areas

2) structural component weights
3) composite weight savings

4) aircraft wing

P A e

¥ 5) aircraft fuselage
| 6) reactor mounting
i, 7) aircraft landing gear

, Other critical aircrait subsystems, such as hydraulic, electrical, air conditioning, and
f control surfaces, were not included due to lack of time.
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The sizing analysis was again an iterative process. Each change in the size and/or weight
of an aircraft component required another iteration through the sizing analysis until the
structural components and aircraft center of gravity were in balance.

4.3.1 TAIL/CANARD SURFACES: The tail/canard aid in controlling the aircraft in flight and
provide aircraft stability. This control and stability is accomplished by producing pitching and
yawing moments about the aircraft's center of gravity (CG). For a first approximation of the
canard and vertical tail areas, the method of moments was used to determine aircraft balance.

The more refined stability derivatives (dCm/da and aCn/df8) were not addressed in this
study. '

The CG was initially located by the use of structural component weight as a percent of the
total structural weight found by the method outlined in Section 4.1.1. An example of the
component weight is shown in Appendix A.4.1.16. With an estimate of individual airframe
component weights, the CG was located by the standard method where:

Sum of (component weights x moment arms)
total weight

cg moment arm =

Results shown in this section are for a CG location 260 ft from the nose.
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4.3.1.1 CANARD AREA: The canard will control the pitching moment about the
aircraft's CG. In straight and level flight, the sum of the moments must be zero for aircraft trim.

Figure 4.3.1.1-1 depicts the vertical lift forces and their associated moment arms. The sum of
these moments must be zero.
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—
cc®

|
dC dw
w

L

Figure 4.3.1.1-1, Canard Area

Therefore: Lift on canard times canard moment arm equals lift on wing times wing moment
arm.

CL = lift on canard
WL = lift on wing

b dC = canard moment arm = 200 ft

dW = wing moment arm = 40 ft
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Lift = Y2p S V2 C_

thus: Va p SC vz CLC dC =%ap Sw v?2 CLW dw

therefore: = SW CLW il = 5600 sq ft . (4.3.1-1)
¢ c,dcC

where: SC = canard area

Sw = wing area = 27,800 sq ft
C_c = "anard lift coefficient (assumed C . = C )
C_w = wing lift coefticient

4.3.1.2 VERTICAL TAIL AREA: The vertical tail will control the yaw moment about
the CG. In straight and level flight the sum of these moments must also be zero for aircraft trim.

Figure 4.3.1.2-1 depicts the side forces due to a side gust and their associated
moment arms. The sum of the moments must be zero.
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Figure 4.3.1.2-1. Vertical Tail Area

4-31




z
!
i
!
{!
s
|
t

dA = distance aft of CG = 170 ft

dF = distance fwd of CG = 260 ft

DF = fuselage diameter = 40 ft

dVT = distance from CG to vertical tail quarter chord = 100 ft
VG = wind gust at velocity V

¢ = angle of gust

Gust Force = V2 p (V sin ¢)2 AREA Cp

AREA = area the gust acts on
Cp = drag coefficient

Moment arms: V2 dF; V2 dA; dVT
Areas: DF by dA; DF by dF; Sy, (vertical tail area)

0.5 DF CDF (dF2 — dA?)
VT =
CDVT davT

therefore: = 4300 sq ft (4.3.1-2)

CpF = fuselage drag coefficient = 0.5 (Ref. 155, p. 410)
CDVT = vertical tail drag coefficient = 0.91 (Ref. 155, p. 360)

With the wing and tail/canard areas determined, the structural component weights were
calculated. After this weight caiculation the CG and tail/canard areas were recomputed with
the new weight data and the process iterated again.

4.3.2 STRUCTURAL COMPONENT WEIGHTS: The final structural weight was computed
on individual component weights by a method developed by the Aerophysics Research
Corporation (Ref. 3). The Aerophysics weight estimation method is based on statistical
analysis of historical weight data for low to moderately swept wing transport and bomber
aircraft. Included in the data base are 15 transports from the C-118A, C-123A through the
C-141A and C-5A. The six bomber aircraft in the data base range from the B-66B to the B-52B.

The following is a summary of component weight estimation equations used for final
weight analysis and possible composite weight savings (Ref. 3, p. 6-22, 33-35). All sizes and
weights are in feet and pounds.

(4.3.2-1)

GW LF b, S, )0-5“

Wing weight = 1624 ( root thickness x 10°

LF = load factor by = wing span
SW = wing area

Horizontal tail weight = 0.0055 [ (W/S)"2 (S, Q)" ]  (43.22)
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SHT = horizontal tail area

QMmAx = maximum dynamic pressure
Vertical tail weight = 1.197 (Sy/7)'"-24 ] (4.3.2-3)
Syt = vertical tail area

Fuselage weight =

0.15 0.88
0.273 [ ( hi;-‘ge:;T);L-F— ) (Quax)°'® (wetted area)'-%s ] (4.3.2-4)

Landing gear weight = 0.00916 (GW)'-124 (4.3.2-5)

The canard aircraft was selected as the point design configuration. In a canard aircraft the
horizontal tail is replaced by the canard surface which supplies a force upward (lift) in flight,
and not a force downward as a conventional aircraft's horizontal tail does. Therefore, Eqs.
4.3.2-1 and 4.3.2-2 must be modified due to the fact that the wing and canard both supply lift.
Thus, the total required wing area is the sum of the wing and the canard areas.

The canard was treated as a wing so that:
St =8Sw + S¢
Wing lift = (W/S) Sy
Canard lift = (W/S) S¢

Wing lift + canard lift = GW

SW and SC are determined as shown in Section 4.3.1

Eq. 4.3.2-1 was modified for canard aircraft such that:

0.504
Wing weight = 1624 ( WIS Sy LF by Sy )

(4.3.2-6)

wing root thickness x 109
0.584

Canard weight = 1624 ( WIS S¢ LF be S¢ )

(4.3.2-7)
canard root thickness x 10°

where: S¢ = canard area bg = canard span
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4.3.3 COMPOSITE WEIGHT SAVINGS: A preliminary analysis was made of the use of compo-
sites for the study aircraft's construction. This analysis was done to find the magnitude of
weight savings which may be possible with current and advanced composite technology. The
following discussion is based on a similar analysis made by D. F. Adams of the Universtiy of
!Vy_g_rping (Ref. 2, p. 751).

Use of composite material in airframe construction offers a potential structural weight
savings for the study aircraft. No consideration was given to the possibility of resizing the
entire aircraft because of the reduced airframe weight; it was assumed that any weight savings
would be used for increased payload.

The candidate materials which were considered are compared to aluminum allny in Table
4.3.3-1. This list is representative of the wide variety of new materials now being developed
(Ref. 2, p. 752).

TABLE 4.3.3-1. CANDIDATE AIRFRAME STRUCTURAL MATERIALS (REF. 2, P. 752)

ULTIMAYE SPECIFIC
TENSILE ELASTIC TENSILE SPECIFIC
DENSITY STRENGTH | STIFFNESS | STRENGTH | STIFFNESS
MATERIAL LB/CU IN. 10°PSI 10°PS| 10%N. 10%N.
ALUMINUM ALLOY 0.100 §7.0 10.5 0.570 1.050
2024-T6
T'TANIUM ALLOY 0.160 129.2 15.8 0.810 0.988
Ti-Al-4V
BERYLLIUM 0.067 70.0 44.0 1.050 6.597
HOT ROLLED
BORON/EPOXY 0.073 190.0 30.0 2.603 4110
COMPOSITE
UNIDIRECTIONAL
(50% FILAMENT VOLUME)
GRAPHITE/EPOXY 0.058 210.0 45.0 3.621 1.759
COMPOSITE
UNIDIRECTIONAL
THORNEL 758
(60% FILAMENT VOLUME)
ORGANIC/EPOXY 0.050 250.0 1.0 5.000 2.200
COMPOSITE
UNIDIRECTIONAL
PROD-49-111
(65% FILAMENT VOLUME)

Eight different material/construction combinations were considered. These combina-
tions are shown in Table 4.3.3-2 along with the estimated weight reduction for each combina-
tion. The percent reduction shown uses aluminum conventional sheet and stringer construc-
tion component weights as the basis for comparison to the use of the weight savings mate-
rials. For example: a 100,000 Ib aluminum wing could be reduced in weight by 10,000 Ibs (10%)
with the use of combination 2, or by 58,000 Ibs (58%) with combination 6.
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TABLE 4.3.3-2. POSSIBLE STRUCTURAL WEIGHT REDUCTION
WITH COMPOSITE MATERIALS (REF. 2, P. 753)

COMPONENT WEIGHT REDUCTION
! (% REDUCTION)
I MATERIALCONSTRUCTION HORIZONTAL
] ‘ COMBINATION STABILIZER/ VERTICAL
ﬂ WING | FUSELAGE | CANARD STABILIZER
1. ALUMINUM — CONVENTIONAL BASE CASE
CONSTRUCTION
2. TITANIUM ALLOY (50% Ti, 10 15 10 10
50% Al) CONVENTIONAL
j CONSTRUCTION
g 3. BERYLLIUM (50° Be, 50% Al) 3s 23 26 26
b CURRENT CONSTRUCTION
i
' 4. BORON/EPOXY (50% B/Ep, 19 23 19 19
' 50% Al) CURRENT
&l CONSTRUCTION
i 5. GRAPHITE/EPOXY (50% Gr/Ep, 31 29 29 29
1 50% Al) CURRENT
! { CONSTRUCTION
! 6. GRAPHITE/EPOXY (80% Gr/Ep, 58 54 53 53
il 20% GI/Ep) ADVANCED
i CONSTRUCTION
|
an 7. ORGANIC FILAMENT/EPOXY 13 23 13 13
(50% Org/Ep, 50% Al)
1 CURRENT CONSTRUCTION
8. ORGANIC FILAMENT/EPOXY 30 45 30 . 30
] (80% Org/Ep, 20% GI/Ep)
! ADVANCED CONSTRUCTION

Conventional construction as used in combinations 1 and 2 refers to conventional sheet
and stringer construction which has dominated metal airframe technology for many years.

P e

Current composite construction, as used in combinations 3, 4, 5, and 7, refers to using
new materials on a direct substitution basis with only minor changes in construction details.

Advanced composite construction, as used in combinations 6 and 8, is still in the de-
velopment stage. This construction technology involves the use of unitized construction to
reduce the number of subassembly parts, and almost total use of polymer matrix composite
materials.Adhesive bonding is used for joining composites, and is essentially the same as the
basic compcsite process. Thus it is possible to fabricate a complex structure in almost one
step, eliminating most of the riveted and bolted joints typical of a conventional structure (Ret.

1 2, p. 753).
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4.3.4 WING: A preliminary structural design of the wing was performed for three reasons: to
determine wing section properties, to provide a check on the wing weight estimate, and to
determine aeroelastic effects. A preliminary design based upon static loads was performed to
determine the thickness of the wing skins and shear webs of the wing box structure. These
material thicknesses provided an indication of the producibility of the wing structure. With all
the material dimensions, a calculation of the wing weight based on material volume gave a
check on the wing weight estimated in Section 4.3.2. With the preliminary wing design
completed, preliminary estimates of major aeroelastic effects were made to determine
whether or not they would significantly affect the design.

The weight and performance analyses provided most of the information required for the
structural analysis of the wing. This information included gross weight, lift of the wing, wing
loading, aspect ratio, taper ratio, wing weight, and load factor. in short, it included all of the
data required to determine the wing planform and dimensions. Two other pieces of informa-
tion were required for the wing analysis: material properties and airfoil geometry. The material
selected was 2024-T3 aluminum which, according to MIL-HDBK-5, has a relatively low yield
stress in tension of 40,000 psi and a weight density of 0.1 Ib/cu in. (Ref. 119, Ch. 3.2.3). This
material has reasonably good fatigue and fracture mechanics properties which permit a long
service life for the system. Tne airfoils were selected in keeping with the high lift, low drag
criteria from the pertormance analysis. The airspeed requirements of 250-350 kts were also a
factor in the airfoil selections. The airfoils selected were the NACA 653:-618 at the wing root
tapering uniformly to the NACA 65-410 at the wing tip (Refs. 1, p. 434, 439; and 94). These
airfoils satisfy the aerodynamic requirements and are certainly sufficient for the purpose
intended here. The airfoil shapes are shown in Figure 4.3.4-1. The aerodynamic characteristics
of the airfoils are presented in Appendix A.4.3.

=~

\ ‘/V/./f CHORD LINE
\

ROOT SICTION
\ NACA G85810

QUARTER
CHORD TIP SECTION
NACA 85410

Figure 4.3.4-1. NACA Airfoll Sections

A synopsis of the method of analysis is given here and is followed by details of the
mathematics involved. Schrenk’s approximation was used to determine the spanwise lift
distribution of the wing. The wing weight distribution was subtracted from the lift distribution
to determine a wing beam loading. The wing beam loading was numerically integrated twice to




| give both the shear and moment at each wing station. Engineering beam theory was employed
{ to determine the wing section geometry required to carry the loads. This information, in turn,
was used to perform a weight estimate for the wing structure. The wing section properties
designed to carry the lift and bending moments were used to calculate torsional influence
coefficients used in the divergence speed calculation. The divergence speed was calculated
using matrix methods. The analysis was performed as described below, although most of it
was accomplished using a digital computer program (See Appendix A.4.2.2). All numerical
results in this section are for a 2,000,000 Ib gross weight airplane.

4.3.4.1 PLANFORM DATA: The wing area, S,,. is equal to the lift, L, that the wing
must provide, divided by the wing loading (W/S) = 60 Ibs/sq ft.

Sy = L/(W/S) = 27,800 sq ft (4.3.4-1)
where L = 0.833 GW = 1,666,000 Ibs.

The wing span, b,, , is equal to the square root of the product of the wing area and the aspect
ratio, AR = 9.

by = (Sy AR)V2 = 500 ft (4.3.4-2)

The root chord, Cy,. is a function of the taper ratio, A = 0.4, the wing area, and the aspect ratic
for a trapezoidal planform.

/2
() ()" -
Ca=\ 7, = ) =79t (4.3.4-3)

The tip chord, C,, is equal to the product of the taper ratio and the root chord.

Cp=ACq =321t (4.3.4-4)

The mean aerodynaraic chord (MAC) is a function of the taper ratio and the root chord for a
trapezoidal planform (Ref. 33, p. 4).

2
MAC = 23 C,, ( ‘—“;:—;" ) =591t (4.3.4-5)
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4.3.4.2 SPANWISE LIFT DISTRIBUTION: Schrenk's approximation to the lift dis-
tribution as stated by Kuethe and Schetzer is based on strip theory (Ref. 92, p. 114-115). It says
that the lift can be approximated by the average of two lift distributions. One is the pure strip
theory result that the lift is proportional to the chord. For this design, the lift distribution is
trapezoidal along the semispan. The other distribution is an elliptical distribution providing
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the equivalent amount of lift. The average of the two distributions has historically provided
good results compared to experimental resuits. The average acts to shift the lift distribution
outboard while still accounting for tip effects. The spanwise lift distribution derived using
Schrenk’s approximation is shown in Figure 4.3.4.2-1. At the wing root, the lift per unit span is
4500 Ibs/ft and at the wing tip it is 952 Ibs/ft. ;

X - TRAPEZOIDAL LIFT
0-ELLIPTICAL LIFT
O ~AVERAGE LIFT

3
8
8
8

s
g

AVE. UIFT (LB/FT) X 102
-]
3

-3
8
ELLIPTICAL LIFT (LB/FT} X 102

TRAPEZOIDAL LIFT (LB/FT) X 102

WINGSPAN (F 1)

Figure 4.3.4.2-1. Lift Distribution
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WING BEAM LOADING

AVE. LIFT (LB/FT) X 102

WING LOADING (LB/FT) X 102

80.00 120.00
WINGSPAN (FT)

Figure 4.3.4.3-1. Wing Loading
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4.3.4.3 WING WE!GHT DISTRIBUTION: The estimated wing weight was distributed
along the span in parts. One part was distributed according to the wing area. It was assumed
that the wing skins were 0.040 in. on both the projected upper and lower surfaces of the wing.
The assumed thickness times the wing area times the weight density of aluminum yielded the
skin weight. The second part of the wing weight was assumed to be distributed according to
the bending moments at each wing station. The wing weight distribution was subtracted from
the lift distribution to yield the wing beam loading. The lift distribution and the wing beam
loading are shown in Figure 4.3.4.3-1. The maximum wing beam loading is 3250 ibs/ft and
occurs at 80 ft from the wing root.

Figure 4.3.4.4-1, Wing Beam Loading, Shear Force, Bending Moment
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4.3.4.4 SHEAR FORCES AND BENDING MOMENTS: The wing shear forces, P, and
bending moments, M, were determined by numerical integration of the wing beam loading, w,
diagram in accordance with Crandall and Dahl (Ref. 36, Ch. 3). The first integral yields the
shear forces. The second integral yields the bending moments.
| by
\ 27
Py. = - b w dy (4.3.4-6)

! M, = — P dy (4.3.4-7)

i The process is shown schematically in Figure 4.3.4.4-1. The maximum shear load is 705,500
Ibs and occurs at the wing root as shownin Figure 4.3.4.4-2. The maximum bending moment is
80,300,000 foot-pounds and also occurs at the wing root as shown in Figure 4.3.4.4-3. These
loads were determined from the static equilibrium (+ 1g) condition.
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Figure 4.3.4.4-3. Bending Moments
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4.3.4.5 WING BEAM SECTION PROPERTIES: The wing section geometres and
properties were determined using engineering beam theory which assumes that the wing can
be treated as a cantilever beam and that one dimension of the beam is much greater than the
other two dimensions (Ref. 36, Ch. 7). Root and tip airfoil sections were used to develop root

and tip beam section envelopes (Figure 4.3.4.5-1). Since the airfoil section tapers linearly from
the root to the tip, so does the beam envelope.
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ROOT BEAM ENVE{L.DPE
TIP BEAM ENVELOPE

Figure 4.3.4.5-1. Beam Section Envelopes

The beam section was assumed rectangular for this analysis. The notation used in the beam
section analysis is shown in Figure 4.3.4.5-2. Beam caps were designed to carry the bending
moments and the webs were designed to carry the shear forces. The working stress, 7, due to
bending in a beam section is given by the formula:

T= Mﬂ_“_/"’_) (4.3.4-8)

where I is the beam section area moment of inertia and (LF) is the design load factor. This
equation can be rearranged to give an expression for the moment of inertia required to carry
the bending moment when r is the allowable material stress. The moment of inertia is a

function only of the geometry of the section, so an expression for it can be used to determine
the inside dimensions of the section.

4
L= -h)

he = . /ns-12L (4.3.4-9)

The beam cap thickness, 1., is given by the expression:

to = Y2 (M - ha) (4.3.4-10)
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Figure 4.3.4.5-2. Beam Section Notation

The working stress due to shear force in a beam section is given by

¥ __(L’;) 4 (4.3.4-11)

where A is the effective shear area.
Using the notation of Figure 4.3.4.5-2, the area A is given by
A=2h2 tw

Thethickness, t,,.can be found by rearranging the equations and using an allowable stress for
T.

L wre

o = 4.3.4-12
W 2har s )

Inthose instances where the calculations for t, and t,, gave values of less than 0.040in., t, and
t,, were defined to be 0.040 in. as a lower practical limit on the material thickness.

The beam cap thickness of one cap is shown in Figure 4.3.4.5-3. The maximum cap

thickness required is 0.757 in. at the wing root and tapers almost linearly to 0.125 in. at 200 ft
from the centerline. This minimum one-eighth in. thickness will be explained more fully later.
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One other plot of some interest is the spanwise dis*ribution of beam cap area for one cap as
shown in Figure 4.3.4.5-4. The cap area was found by multiplying the cap thickness by the
chordwise length at each station. The maximum area is 2.90 sq ft at the wing root. The
minimum cap area is 0.20 sq ft at the wing tip. A comparison of this plot with the wing bending
moment plot shows that they have the same general shape, but that the average cap area is
farther outboard than the average bending moment. Although the bending moments were
used to determine the major portion of the wing weight distribution, the cap areas would have
provided a more accurate wing weight distribution. The method used gave a wing beam
loading which yielded a slightly conservative structure.

"
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Figure 4.3.4.5-3. Beam Cap Thickness

320

Y

1.60

CAP AREA (SQFT)

0.80 \
N

M

0.00 40.00 80.00 120.00 160.00 200.00 240.00 280.00

WINGSPAN (FT)

Figure 4.3.4.5-4. Beam Cap Area

4-43

T A e




4.3.4.6 CHECK ON WING WEIGHT ESTIMATE: In performing the wing weight esti-
mate, the wing was modeled as having five major contributing elements: beam caps,
beam webs, beam ribs, the skin of the wing covering structure not occupied by the beam, and
tlap weight. No attempt was made to account for the weight of stiffeners or fasteners. Using
guidance from Corning, a flap area of 20% of the wing area was selected to increase C, ,,.
from a value of 1.0 with no flaps to a value of 2.0 with flaps fully extended (Ref. 33, p. 16). Flap
weight was calculated using 3 Ibs/sq ft of flap area (Ref. 6). The other four elements were
found by calculating the material volume and then multiplying the volume by the weight
density to get the weight. For both the caps and the webs of the beams, the thickness
decreased from the root to the tip. An increment of material volume for the beam caps between
two wing stations was calculated by multiplying the average length of the cap times the
distance between the two wing stations, Ay, times the thickness of the cap at the inboard
station, t..

‘ + (. :
1 inboard 1outboard
A vol = x Ay x tc inboard

2

A similar calculation was performed for increments of volume of the beam webs. The wing skin
weight was calculated using a thickness of 0.040 in. over twice the panform area excluding the
projected beam area.

A rough calculation of the wing rib weight was made using the rib spacing required to
prevent buckling of the upper beam cap due to the compressive stresses it is required to carry.
The rib spacing required at the mean aerodynamic chord was used to determine the number of
ribs in the wing. For this calculation, the beam cap is considered as consisting of panels
separated by ribs and stiffeners. Stiffeners run approximately parallel to the wing axis and are
spaced chordwise a distance, b, apart. Ribs run perpendicular to the wing axis and are spaced
spanwise a distance, a, apart. The object was to determine the dimension, a, and therefore the
number of ribs in the wing. The plate buckling criteria for panels loaded in compression is,
according to Peery (Ref. 137, p. 368-372): '

rocn = K Eg (tg/b)? (4.3.4-13)

where:

7 ccr is the allowable compressive stress

E. is the modulus of elasticity in compression

t. is the panel (beam cap) thickness

K is a buckling factor that is a function of the ratio of dimensions a/b and the
edge fixity conditions. Here K = 6.35.

All the terms in the expression are known except the dimension b. This dimension
was found and was used with the a/b ratio to determine the rib spacing, a. The ratio a/b was
assumed to be 4/1 for this calculation. The rib area at the mean aerodynamic chord was used to
determine the total rib area for the wing, An average rib thickness of 0.063 in. was used to
determine the rib volume and hence the rib weight for the wing.
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A computer program was used to perform most of the above calculations, since they
were repeated at each wing station. One of the initial problems was to determine what size
increment in wing station would yield sufficiently accurate answers. Examples were calcu-
lated using increments of 50, 40, 25, 10, 5, and 2.5 ft. For the 2,000,000 Ib airplane they are 20,
16, 10, 4, 2, and 1% of the wing span. It was found that the difference in weight estimates given
by using 10 ft and 2.5 ft was about 2% for the size airplane being investigated, so 10 ft was used.
The resuits of the wing weight check calculations are shown in Table 4.3.4.6-1.

TABLE 4.3.4.6-1. PRELIMINARY DESIGN WEIGHT ESTIMATE (LBS)

BEAM CAP 203,600
BEAM WEB 12,400
BEAM RIB 19,100
WING SKIN 15,400
FLAP 16,700
TOTAL WING WEIGHT 267,200

The wing weight found in this manner was 267,200 |bs. The original wing weight
estimate from Section 4.3.2 was 210,200 Ibs. The ratio of the two weightsis 1.27. So the original
estimate was low and the wing structure weight was revised up to 267,200 Ibs.

4.3.4.7 WING DIVERGENCE SPEED: Because the wing was designed with the rela-
tively large aspect ratio of 9, it was important to examine aeroelastic effects on the wing
performance. Wing divergence speed, V,,, is essentially acheck on the effects of torsion about
a spanwise axis. Each wing section has a torsional stiffness which generally varies along the
wing span. It was assumed that only the beam section provided this stiffness. Since the lift acts
through the quarter chord and the shear center of each beam section is aft of the quarter
chord, a torque acts on each wing station. As the airspeed increases, the lift, and hence the
torque, increases to the point where the beam can no longer carry the torque and fails
catastrophically. According to MIL-A-008870, the design requirement is that the divergence
speed be 15% greater than the maximum speed over the range of operating altitudes (Ref. 118,
p. 2).

The purpose of this analysis was to determine whether aeroelastic effects would
cause a significant structural weight penalty. Bisplinghoff's text on aeroelasticity outlines a
method to calculate the divergence speed which has a solution by matrices using strip theory

(Ref. 16, Ch. 8). Figure 4.3.4.7-1 shows the construct of the problem. The matrix equation to be
solved can be written in the form:

G (cct) =l Ly dyl el W] {C C3) (4.3.4-14)

p/2VD"’( 0: )
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Figure 4.3.4.7-1. Geometry for Divergence Speed Calculation

where: G = modulus of rigidity of the material
(4 X 10¢ psi for 2024 aluminum)
p = air density

0 CL AR
= slope of lift coefficient curve of the wing = 494 = a
P g O AR +3

Jda
{C cf} = vector of products of chord and section lift coefficient
" due to elastic twist
le] = diagonal matrix of local chords

[f-;- dy) = matrix of influence coefficients

le] = diagonal matrix of distances from quarter chord to elastic axis
|W] = diagonal matrix of weighting factors

The matrix quantities above are dependent upon the choice of a coordinate system along the
wing span. Figure 4.3.4.7-2 shows the coordinate system used in this analysis. This system of
coordinates was derived from Multhopp's quadrature formula (Ref. 16, App. B), resulting in six
wing stations and requires the solution for the eigenvalue of a 5 x 5 matrix. The matrix of
weighting factors, (W], is given by:

[ sin @12 0 0 0 0 o ]
o 0 sin /6 0 0 0 0
[W] = ?4_W 0o - 0 sin /4 0 0 0 (4.3.4_15)
0 0 0 sin /3 0 0
0 0 0 0 sinsm12 0
[ o 0 0 0 0  Vesinm?2 ]
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Figure 4.3.4.7-2. Muithopp Wing Stations

The matrices (¢], [e], and | I}—- dy | consist of values for these parameters at each
wing station. The wing stations were found from the expression:
b i
Y = —— cos — i=1,6
2 12
The influence coefficients [ J— dy were found by first calculating the values of 1——along the

whole wing and then numerically integrating from the center line to station y;. The torsional
stiffness, J, is given by:

4 A?
J=—-
s :_ . (4.3.4-16)
where: A = area enclosed by the beam section

= i the sum over the four sides of the length of the side divided by the thickness
of the side

The solution for the divergence speed was accomplished in two steps. First the eigenvalue of
the matrix product on the right hand side of Eq. 4.3.4-14 was found. The eigenvalue, r, found in

this manner was set equal to the group of constants on the left hand side of Eq. 4.3.4-14. The
terms were rearranged to solve for the divergence speed:

(4.3.4-17)




The initial calcutation of the wing divergence speed gave a value of 253 kts at sea

level, which is only 16 kts above the cruise speed at sea level, and is well below the 310 kts
1 maximum sea level speed. Examination of Eq. 4.3.4-14 indicates that the divergence speed
{ increases as the eigenvalue, r, decreases. If all of the elements of the matrix product ] }
[9“ f :— dy] {e] [W] are decreased, then the eigenvalue decreases.

itturned out that thevalue of the influence coefficients increased very rapidly near the
wing tip where the material thicknesses initially were a minimum gauge of 0.040 in. By E
increasing the minimum gauge, the value of the influence coefficients dropped off and the [
value of the elements of the matrix product decreased. This increas? in minimum material '
thickness also caused a weight penalty. Three minimum gauges were investigated. The results
are shown in Table 4.3.4.7-1, ;

TABLE 4.3.4.7-1. DIVERGENCE SPEED RESULTS

MIN GAUGE WEIGHT PENALTY | DIVERGENCE SPEED ;
(IN.) (LBS) AT SEA LEVEL (KTS) i

j 0.040 0 253
| 0.100 3500 320
! 0.125 5900 343

OPERATING ENVELOPE

T

/
Fd
2L
P

] 30

, ;
.‘ ALTITUDE
4 (1000 FT)

s He=0.040 IN. MIN GAGE
- o w= a0.100 IN. MIN GAGE
— ] 125 IN. MIN GAGE

VELOCITY (KTS)

Figure 4.3.4.7-3. Divergence Speeds

4-48



There was a dramatic increase in divergence speed as the wing tips were stitffened by
increasing the minimum gauge of the beam structure material. The 343 kts speed is 11%
greater than the 310 kts maximum speed at sea level, so the divergence speed was not quite
within acceptable limits. The weight penalty of 5300 Ibs is only 2% of the wing weight estimate
of 267.200 Ibs. it appears, then, that divergence speed is not a severe problem for this wing
planform. A detail designer should be able to increase the divergence speed a few more
percent into an acceptable range. The results of the divergence speed investigation are shown
in Figure 4.3.4.7-3 superimposed on the operating envelope for the aircraft. The operating
envelope is discussed in Section 4.4.7.

4.3.5 FUSELAGE: The fuselage diz meter was determined by the nuclear reactor and reactor
associated equipment size. As shov/nin Sections 5 and 6, the estimate for the size was 30 to 40
ft in diameter. The fuselage length was determined from two considerations:

1) It may be possible to reduce the reactor shielding if crew members are stationed no
closer than 200 ft from the reactor.

2) Arecommendationby Col. Beers, Chief Medical officer ASD's Life Support Office, that,
for a 14 day mission, each crew member have 6,000 cu ft or more of living/working volume (Ref
14).

The above analysis of fuselage diameter and length resulted in 2 40 ft diameter fuselage,
430 ft long. This fuselage volume is almost five times that of the C-5A's fuselage.

4.3.6 REACTOR MOUNTING: One aspect of the nuclear powered aircraft that does not
appear to have been very carefully investigated is the problem of mounting the reactor and
containment vessel in the aircraft. Some of the feasibility studies have addressed the problem
of absorbing the kinetic energy of the reactor containment vessel during a crash. But those
schemes do not provide for the degree of rigid support required to keep the containment
vessel in place during flight maneuvers. '

It also seems reasonable to let the aircraft structure provide for a considerable fraction of
the kinetic energy absorption required in the event of a crash landing. But that requires that
the inertia of the containment vessel be transmitted to the aircraft structure.

A method for implementing this philosophy is described below. Many aircraft engines are
mounted in the airframe thiough the use of trunnions and bearings. That is one possible
method for mounting the containment vessel in the airframe. The trunnions would be an
integral part of the containment vessel. The loads are transmitted from the trunnions to
bearings, or trunnion rings, which are built into the airframe structure. The loads from the
trunnion rings may be carried to the fuselage structure or the wing-carry-thru structure in
several ways. One is through the use of a truss frameworh consisting of bars and tubular
columns. The other is through the use of stiffened shear beams.

All of this extra structure is essentially a weight penalty that the nuclear powered aircraft

must pay which is not incurred by conventionally powered aircraft. This analysis was per-
formed to determine the extent of the weight penality.
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The location of the containment vessel in the aircraft isshown in Figure 4.2.2-1. The center
of the containment vessel is at the same fuselage station as the wing quarter chord. This
enables the containment vessel loads to be transferred most efficiently to the wing during
flight. The main landing gear trucks are located justin front of and just behind the containment
vessel. This enables the containment vess«l loads to be transmitted most efficiently to the
landing gear during landing and grounr operations.

One of the first tasks was to determine the load conditions that the structure must carry.
There were tour classes of load conditions considered: (1) straight and level flight, (2) sitting
on the ramp, (3) symmetric flight maneuvers, and (4) crash landings. The symmetric flight
maneuver load factors were taken from MIL-A-8861 as + 2.5 and -1.0 (Ref. 116, Table 1). The
crash landing load factors were taken from MIL-A-8865 as 20 forward, 10 aft, 10 up, 20 down
and 10 laterally (Ref. 117, Table |). Each of the load conditions was considered separately and
in combination with other load conditions to determine the maximum loads in the structure.

For this analysis the reactor containment vessel was assumed to be a 20 ft diameter
sphere weighing 800,000 Ibs. The containment vessel is made of Haynes Alloy No. 188. The

following physical and mechanical properties were taken from the Aerospace Structural
Metals Handbook (Ref. 193, Article 4310, Table 3.011):

density = 0.330 Ibs/cu in.
Tty = 125,000 psi ultimate tensile strength
Tty 73,000 psi yield tensile strength

|

The following mechanical properties were estimated:

Tsy = 67.000 psi yield shear strength
Tory = 125,000 psi yield bearing strength

The material selected for the support structure was 4130 steel. It is a common aircraft
structural material and has a higher specific strength than 2024 aluminum. The physical and
mechanical properties were taken from MIL-HDBK-5 (Ref. 119, Table 2.2.2.0):

E = 29.0 x 10% psi modulus of elasticity
density .283 Ibs/cu in

1ty = 180,000 psi

ty = 163,000 psi

ey = 179,000 psi yield compressive strength

Tbry = 230,000 psi

gy = 73,000 psi

The trunnions were assumed to be an integral part of the containment vessel and made of
the same material, Haynes Alloy No. 188. At least three trunnions are required to completely
restrain the containment vessel. As many as six might reasonably be used. The number of
trunnions used 'wculd determine the magnitude of the loads imparted to the supporting
structure at each trunnion. The analysis here used four trunnions as shown in Figure 4.3.6-1.
Four trunnions were used as a compromise between reducing loads and unduly restraining
the geometry of the heat transfer piping out of the containment vessel. The diameter of each
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trunnion was determined by the shear load that the trunnion was required to carry. The
thickness of each trunnion was determined by the bearing load each trunnion was required to
carry. The top and bottom trunnions were 10.4 in. in diameter by 4.4 in. thick. The side
trunnions were 13.0 in. in diameter by 5.5 in. thick. No attempt was made to determine how
much extra containment vessel structure would be required to react the bending stresses in
the containment vessel wall caused by the trunnions.

TRUNNIONS

-

‘_,/’

AIRCRAFT
CENTER LINE

CONTAINMENT
VESSEL

Figure 4.3.6-1. Trunnion Arrangement

The trunnion rings were assumed to be made from the 4130 steel. Since the bearing
strength of the Haynes Alloy No. 188 is considerably less than the bearing yield strength of the
4130 steel, the trunnion is the critical part and the thickness of the ring must match the
thickness of the trunnion. The inside diameter of the ring must match the diameter of the
trunnion. The outside diameter of the ring was determined from the standard empirical
relationship that the distance from the edge of a part to the center of the hole must be one and
one-half times the diameter of the hole. In other words, the outside diameter is three times the
inside diameter. The outside diameter of the top and bottom trunnion rings was 31.1 in. The
side trunnion rings had an outside diameter of 39.1 in.
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As mentioned earlier, one of the ways to transmit the containment vessel loads is through
a truss framework made up of tubular columns. The framework used in this analysis is shown
in Figure 4.3.6-2. The structure shown is statically indeterminate. To simplify the analysis for
this feasibility study, each load condition was examined and it was assumed that all of the load
was reacted by one primary triangle of the frame. After the loads in each column for each load
condition were determined, the principle of superposition was used to determine the total
load each column was required to carry. Most of the members act as columas carrying
compressive loads. Some of the columns were required to support both tensile and compres-
sive loads, depending upon the load condition acting. The most efficient column for this frame
is a round tube, since each column is not constrained to fail in a certain direction.

o

/

AIRCRAFT
CENTER LINE

TRUNNION
RING

‘ "'--..‘__‘ REACTION
POINT AT
EACH CORNER

Figure 4.3.6-2. Truss Framewo .«
A column can fail in two ways. The primary mode of failure is a lateral deflection of the

entire column essentially causing it to bow from straight. The secondary mode of failure is a
local collapse or wrinkling of the tube wall. This secondary mode of failure is precluded when
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the ratio of tube diameter to wall thickness is less than or equal to 50 (Ref. 119, Table 2.4.2.1).
An initial value for the area, A, of the column is given by dividing the load, F, by the yield stress,
Tcy.

A = Firg, ‘ (4.3.6-1)

Properties for a circular ring cross section are taken from Mechanics of Materials by

Timoshenko and Gere (Ref. 179, App. B). The area, A = 2xrrt. The area moment of inertia, T =

' 71r3t. Since r/t = 25 these formulas may be rewritten. Since the area was already estimated, the
area relation can be solved to find the average radius, r.

2w vé
ST A ) (4.3.6-2)

Then the moment of inertia, |, is given by the expression

o o 5
1= 55" (4.3.6-3)

The radius of gyration, p, is the square root of the quotient of the moment of inertia divided by
the area.

p= V1A (4.3.6-4)

Then the column buckling stress is given by the equation:
Tcp = 179,000 - 27.95 (¢'/p)? v (4.3.6-5)

where ¢’ is the effective length of the column and is dependent upon the actual length, ¢, and
the end fixity conditions (Ref. 119, Table 2.4.2.1). All columns were assumed to have one end
fixed and the other end pinned. The relation between the effective length and actual length is

' =K(¢ (4.3.6-6)

where K" is the factor indicating the end fixity. For this case, K = 0.7. With the buckling stress,
a better estimate of the tube area can be made.

Acq = Flren (4.3.6-7)

The largest column had an average diameter of 27.5 in. and a wall thickness of 0.56 in. The
smallest column had an average diameter of 9.1 in. and a wall thickness of 0.18 in.
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The other method of transmitting the loads from the trunnion rings into the fuselage is
through the use of stiffened plates. The load condition that caused the largest loads in each
panel was examined. For ease of analysis it was assumed that only one fourth of the 20 ft
square panel carried all of the load (See Figure 4.3.6-3). The 10 ft square panel carries a
combined load in shear and comprassion. The panel was designed to withstand buckling

under this load using methods in Peery's Aircraft Structures (Ref. 137, p. 368-372, 393-394).
The combined loading may be analyzed using the interaction equation:

RS+ R, <1 (4.3.6-8)

where the R's are the stress ratios of the working stresses, f, in the plates to the critical
buckling stresses, 7¢cp.

Ry = fg/7gc Re = To/fcen (4.3.6-9)

Figure 4.3.6-3. Shear Beam Analysis
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The subscript s represents shear and the subscript ¢ is for compression. The working stress is
the load divided by the area. The critical buckling stresses are given by the following equation:

J 7cq = K E (Ub)? (4.3.6-10)
d
48
e
i where Tcr = buckling stress
j K = fixity coefficient

= 6.35 for compression
8.00 for shear

modulus of elasticity

= 29.0 X 108 psi

t = plate thickness

b = minimum bay dimersion

E

The dimensions a and b in Figure 4.3.6-3 were arbitarily chosen as 2 ft.

The method used was as follows. Initially the thickness of material required to prevent
yielding was determined for shear and compression separately. The larger of the two
thicknesses thus found was increased by 10% and new working stresses and buckling
stresses were calculated. These values were then substituted into the interaction equation to
seeifit was satisfied. If the equation was not satisfied the thickness was increased and another
check was made. When the calculated buckling stress was greater than the yield stress, the
! yield stress was used as the critical stress. The vertical plates required a thickness of 1.05 in.
|'. The horizontal plates required a thickness of 0.65 in.

It was further assumed that the volume of stiffener material was equal to the volume of
plate material. Since it was assumed that one-fourth of the pane! carried all of the load, an
additonal factor of 10% was used to calculate the total volume of material in one 20 ft by 20 ft
panel.

- e am——

With the dimensions of all components of the support structure, it was a simple matter to
calculate the material volume and, hence, the weight of the structure. The weight was
calculated for both the stiffened plate structure and the truss frame structure. Then an average
of the two was used to arrive at an estimate of the final support structure weight. The truss
{ frame structure weighed 27,000 Ibs, and the stiffened plate structure weighed 36,000 Ibs. The
' average weight of 31,500 Ibs was used in structural weight calculations for the fuselage of the
airplane.

One of the concerns with the nuclear powered airplane is with reactor accessibility and/or
removal when the reactor required refurbishing. Either of the two support structures analyzed
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could be adapted to permit removal of the reactor. One method would be to remove it through
the bottom of the aircraft. Another would be to remove it through the rear of the aircraft

4.3.7 LANDING GEAR: The aircraft landing gear is considered to be a critical structural
component in an aircraft of the size required for nuclear propulsion application. A preliminary

analysis was made to determine the size and number of tires required for a 2,000,000 Ib

aircraft. A first order approximation was also made to determine the relative size and the
amount of energy the aircraft's strut must absorb.

As stated in Sections 2 and 4.1, the aircraft was assumed to use conventional Air Force
runways and taxiways. No analysis was attempted on water takeoff and landing, air cushion
landing systems, or other non-conventional landing systems.

4.3.7.1 AIRCRAFT TIRES: As stated above, the study aircraft assumed the use of
conventional runways and taxiways. AFM-88-6 defines Air Force taxiway working stress as 250
psi for heavy load rated taxiways (Ref. 4, p. 12-18).
Therefore: minimum aircraft footprint = GW/taxiway working stress

For the point design aircraft, the minimum aircraft footprint is 8000 sq in.

For comparison: 747 footprint = 3890 sq in.; stress = 197 psi
C-5A footprint = 6083 sq in.; stress = 120 psi

With the aircraft footprint the type and number of tires were found with the use of MIL-T-5041
Aircraft Tire Specifications (Ref. 124, p. 12).

where: footprint per tire = 85% of tire rated load/tire pressure

and: number of tires = total footprint/tire footprint.

Table 4.3.7.1-1 summarizes the aircraft tire analysis results for the 2,000,000 ib gross
weight point design aircratt.

TABLE 4.3.7.1-1. AIRCRAFT TIRE SUMMARY

TIRE SIZE 56 X 16
NUMBER OF TIRES 36

LANDING GEAR BOGIES 4 MAIN — 8 TIRES EACH
i 1 NOSE — 4 TIRES

AIRCRAFT FOOTPRINT 8700 SQ IN.
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4.3.7.2 LANDING GEAR STRUT: The aircraft struts must absorb the change in aircraft
energy due to the rate of descent (R/D). The energy of the landing was found by assuming a
constant vertical deceleration from an initial vertical velocity to a final, zero vertical velocity.

So that energy = Y2 m V2 (4.3.7-1)
where: V = max R/D = 500 fpm
m = GW/g g (4.3.7-2)

The strut will absorb the energy due to the change in strut pressure and internal strut volume
change.

or: E = f PdV (4.3.7-3)

where: E = energy absorbed
P = strut pressure
dV = internal strut volume change

With this information, the strut size and wall thickness were estimated.

Table 4.3.7.2-1 summarizes the landing gear strut analysis results for the 2,000,000 Ib gross
weight point design aircraft.

TABLE 4.3.7.2-1. LANDING GEAR STRUT SUMMARY

TYPE STRUT TRIPLE OLEO
INTERNAL STRUT DIA (IN.) 5.25
EXTERNAL STRUT DIA (IN.) 11.25
STRUT DEFLECTION (FT) 2
STRUT PRESSURE (PSI) - 12,500

4.3.8 SIZING RESULTS: The sizing analysis resulted in the final aircraft parameters. The
following parameters are for the 2,000,000 Ib gross weight-point design-canard aircraft.

Weight and balance, dimensions, and configuration are dependent on many variables,
such as weight of the nuclear propulsion system, airframe construction, and the weight of
chemical fuel required. Weight and balance are summarized for standard aluminum construc-
tion, advanced composite construction, and fuel weights of 4% and 16% of gross weight.
Dimensions and configuration are presented in tabular form for overall aircraft and individual

components.




4.3.8.1 WEIGHT AND BALANCE: The exact weight and balance is dependent upon
the material used, construction method employed, the nuclear power plant weight, the
amount of chemical fuel required, and the number and size of chemical engines required.
Table 4.3.8.1-1 summarizes possible structural weight reduction with the use of composite
materials outlined in Section 4.3.3.

TABLE 4.3.8.1-1. POSSIBLE STRUCTURAL WEIGHT REDUCTION
WITH COMPOSITE MATERIALS

WEIGHT OF STRUCTURAL COMPONENT
TOTAL
VERTICAL STRUCTURE| TOTAL
MATERIAL FUSELAGE{ WING |STABILIZER} CANARD | WEIGHT* |REDUCTION

ALUMINUM 219,500 | 267,200| 38,000 31,200 555,900 —
TITANIUM 186,575 | 240,480| 34,200 28,080 489,335 68,565
BERYLLIUM 169,005 | 171,008f 28,120 23,088 391,231 164,669
BORON/EPOXY 169,015 | 216,432 30,780 25272 441,449 114,401
GRAPHITE/EPOXY 155,845 | 184,368| 26,220 21,528 369,961 167,939
(CURRENT TECHNOLOGY)
GRAPHITE/EPOXY 100,970 | 112,224| 17,860 14,664 245,718 310,182
(ADVANCED TECHNOLOGY)
ORGANIC/EPOXY 168,015 | 232,464| 33,080 27,44 461,683 94,217
(CURRENT TECHNOLOGY)
ORGANIC/EPOXY 120,725 | 187,040] 26,600 21,840 356,205 199,695
(ADVANCED TECHNOLOQGY) =

* Does not Iinciude landing gear weight.

Table 4.3.8.1-2 summarizes the point design weight and balance and the weights
available for nuclear propulsion system and payload. The CG location, found by the method
outlined in Section 4.3.1, is an approximation and is given as distance from the aircraft nose.
The CG location depends upon the nuclear power plant weight, the required chemical
capability, and the type of material and construction. For illustrative purposes, the nuclear
propulsion system weight was assumed to be 820,000 Ibs (500 Mw gas reactor) for all config-
urations. Six 50,000 Ib thrust chemical engines with 16% of the gross weight in chemical fuel
were used in configurations A and C. Two 40,000 Ib thrust chemical engines with 4% of the
gross weight in chemical fuel were used in configurations B and D. The 300,000 Ibs total static,
sea level thrust (configurations A and C) will give the point design aircraft the capability to
complete takeoft if one chemical engine is lost during takeoff (Ref. 116, p. 13). As outlined in
Section 4.1.3, the two 40,000 Ib thrust chemical engines (configurations 8 and D) will only be
used to supplement nuclear power for takeoff and initial climb.
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TABLE 4.3.8.1-2, AIRCRAFT WEIGHT AND BALANCE SUMMARY
2,000,000 LBS GW

COMPONENT WEIGHT (LBS)

c

WING WEIGHT

CANARD WEIGHT

VERTICAL STABILIZER WEIGHT
FUSELAGE WEIGHT

LANDING GEAR WEIGHT
TOTAL STRUCTURAL WEIGHT
FIXED EQUIPMENT WEIGHT
CHEMICAL ENGINE WEIGHT
CHEMICAL FUEL WEIGHT

TOTAL LESS NUCLEAR PROPULSION SYSTEM
& PAYLOAD

267,200
31,200
38,000

219,500

111,000

666,900

i 200,000
50,000
320,000

1,236,900

267,200
31,200
38,000

219,500

111,000

666,900

200,000
14,000
80,000

112,224
14,664
17,860

100,970

111,000

356,718

200,000
50,000

320,000

926,718

112,224
14,884
17,860

100,970

111,000

356,718

200,000
14,000
80,000

650,718

CLEAR POWER

i AVAILABLE FOR NUCLEAR PROPULSION SYSTEM 763,100 | 1,030,100 | 1,073,282 | 1,349,282
! & PAYLOAD
i
i CG LOCATION (FT) 265 250 260 255
'
{
A- STANDARD ALUMINUM CONSTRUCTION (SEC. 4.3.2) — TAKEOFF WITH
CHEMICAL POWER (SEC. 4.1.3)
B- STANDARD ALUMINUM CONSTRUCTION — TAKEOFF WITH NUCLEAR
POWER (SEC. 4.1.3)
c- GRAPHITE/EPOXY ADVANCED CONSTRUCTION (SEC. 4.3.3) — TAKEOFF
WITH CHEMICAL POWER
D- GRAPHITE/EPOXY ADVANCED CONSTRUCTION — TAKEOFF WITH NU-

4.3.8.2 DIMENSIONS AND CONFIGURATION: Table 4.3.8.2-1 details the dimensions
and Figure 4.3.8.2-1 shows the configuration of the point design aircraft. The 60 Ibs/sq ft
wing/canard loading was found to be optimum considering the mission requirements (Section
2), the L/D (Section 4.1.7.1), the required thrust (Section 4.4.4), and wing size (Section 4.3.4).
This wing loading yielded a large wing area with a canard area almost the same as a C-5A wing
(6000 sq ft). The required reactor power was found to be 475-700 mw, depending upon the type
of nuclear propulsion system (Sections 5, 6, and 7).

The landing gear consists of triple oleo struts with thirty-six 56 X 16 tires mounted on
four 8 tire main bogies, centered about the reactor and a 4 tire nose bogey. This configuration
compares to the C-5A’s twenty-eight 49 X 17 tires on four 6 tire main bogies and a 4 tire nose
bogey. The resulting 8700 sq in. footprint compares to the C-5A's 6083 sq in. and the 747's 3890
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Figure 4.3.8.2-1. Point Design Configuration

' 4-60

S g s o




sq in. This results in a pressure of 23C psi which is comparable to the B-52's 250 psi. This
pressure print will allow the point design aircraft to use any runway and taxiway presently
rated for B-52 use.

TABLE 4.3.8.2-1. AIRCRAFT DIMENSIONS AND CONFIGURATION
2,000,000 LBS GROSS WEIGHT

.

B . s i iaiin e - -
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WING/CANARD LOADING (PSF) 60
ASPECT RATIO 9
TAPER RATIO 0.4
THICKNESS RATIO 0.18
WING QUARTER CHORD LOCATION (FT) 300
WING AREA (SQ FT) 27,800
WING SPAN (FT) 500
WING ROOT (FT) 79
WING TIP (FT) 32
WING MAC (FT) 59
FLAP AREA (% OF WING AREA) 20
SPEED BRAKE AREA (% OF WING AREA) 13
CANARD QUARTER CHORD LOCATION (FT) 60
CANARD AREA (SQ FT) 5600
CANARD SPAN (FT) 225
CANARD ROOT (FT) 36
CANARD TIP (FT) 14
CANARD MAC (FT) 27
VERTICAL TAIL QUARTER CHORD LOCATION (FT) | 360
VERTICAL TAIL AREA (SQ FT) 4300
VERTICAL TAIL HEIGHT (FT) 86
VERTICAL TAIL ROOT (FT) 70
VERTICAL TAIL TIP (FT) 30
VERTICAL TAIL MAC (FT) 53
MAX FUSELAGE DIAMETER (FT) 40
FUSELAGE LENGTH (FT) 430
REACTOR LOCATION (FT) 300
REACTOR POWER (MW) 475 - 700
LANDING GEAR LOCATION (FT) 60, 265, & 335
NUMBER CF TIRES 36
TIRE SIZE. 56 X 16
AIRCRAFT FDOTPRINT (SQ IN) 8700
AIRCRAFY "RESSURE PRINT (PSI) 230

NOTE: ALL LOCATIONS MEASURED FROM AIRCRAFT NOSE.

4.4 AIRCRAFT PERFORMANCE

As the last step in the design process, the general aircraft performance was estimated.
The performance is presented in the form of a mission profile. This profile takes the point
design aircraft from takeoff through climbout, into a performance envelope, and then to
descent and landing. The results of this performance analysis are presented as an aircraft
flight envelope with takeoff and landing parameters.

P T =
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The use of existing Air Force runways (12,000-13,000 ft in length) and the mission
requirements govern all performance requirements.

Numerical examples of this analysis are presented in Appendices A.4.1.9 through
A4.1.13. :

4.4.1 TAKEOFF REQUIREMENTS: Takeoff thrust estimation was examined in Section 4.1.2.1
of this study. The assumed takeoff distance was 10,000 ft over a 35 ft obstacle on a hot day
(100°F). C yo was assumed to be 0.75C | \yax : where C | yax = 2 with full flaps (Ref. 92, p.
369). I the takeoff was accomplished at maximum C, and the aircraft encountered a gust that
increased the angle of attack, an undesirable stall condition could be encountered. It is
necessary that the flaps be positioned and the angle of attack be suchthat C ;1o = 0.75 C_max
for aircraft stability.

At takeoff: Lift = GW = %2pSV2C 10

so that V at lift off = (2GW/(pS,C, 1o ))*5 = 186 ft/sec (4.4.1-1)

4.4.2 CLIMB REQUIREMENTS: In level flight at constant speed, the engine thrust is equal to
the drag of the aircraft. With additional thrust the aircraft can climb at a rate determined by the
amount of additional thrust available and altitude. Figure 4.4.2-1 shows the aircraft forces in
level unaccelerated flight and the aircraft climbing in unaccelerated flight.

NOTE: TAIL LOADS NEGLECTED IN L
ALL R/C CALCULATIONS. :
0
L Y _wcos o
A "
& De—Tt1—>» T \§
* w WSIN 6
y
w 0 v
R/C

Figure 4.4.2-1. Airplane Forces in Level and Climbing Flight

In level flight, lift is equal to gross weight. it is desired to use all the additional thrust to
climb while maintaining the same speed. To reach equilibrium the aircraft is rotated until T = D
+ Wsin 6

where: D = total drag
W = GW for estimation
0 = angle of climb
T = minimum total aircraft thrust available

4-62




SIN @ = R/C/V where R/C = rate of climb
and V = (2GW/(pSCL))°~5

sothat T = Gl + geRe ’ (4.4.2-1)

L/D v

The first right hand term is the cruise thrust and the second term is the additional trust
required to maintain a specified rate of climb.

Additional thrust required for climb (T,) =

 _ GWRIC (S, € (4.4.2-2)
C (2GwW)ps

therefore: Total required thrust =
T + the maximum of (stall or cruise thrust) (4.4.2-3)

This study used a rate of climb of 600 fpm at sea level as that desired for the ASW mission
(Section 2).

4.4.3 SERVICE CEILING: Service ceiling is the altitude at which an aircraft's maximum rate of
climb is 100 fpm. This study assumed a service ceiling which conformed to the mission
requirements of 40,000 ft. With the assumed service ceiling and the rate of climb at sea level,
the required total thrust for all altitudes was computed by Eq. 4.4.2-3. Figure 4.4.3-1 shows the

resulting total thrusts and rates of climb for the point design aircraft gross weight of 2,000,000
Ibs.

200.00 o= 800

GW = 2,000,000 LBS

R
R~ AT
\\ CL’MB Or

400

\
%\
140.00 200 \

THRUST (LBS) X 103
2 .
8
T

RATE OF CLIMB (FPM)

Ji

120.008- 0

0 5 10 15 20 25 30 35 40

ALTITUDE (FT) X 103

Figure 4.4.3-1. Rate of Climb and Total Required Thrust vs Altitude
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4.4.4 CRUISE PERFORMANCE: Cruise requirements were dictated by the mission require-
ments. These requirements specified a high altitude cruise speed of 250 to 350 kts at an
altitude of 30,000 ft and a low altitude cruise at sea level with a speed of 150 to 250 kts. For
velocity stability, the cruise must be at a speed that will yield less than the maximum lift todrag
ratio (Point B in Figure 4.4.4-1) and at a speed greater than that which will yield maximum lift to
drag (L/D), in other words, on the right hand side or down slope of the L/D curve. This is shown
as Point C in Figure 4.4.4-1. As a further example, consider that at cruise lift is constant. This
fact results in Figure 4.4.4-2, the drag curve.

B
A c
L/D DRAG
A c
B
VELOCITY — VELOCITY —i
Figure 4.4.4-1. L/D Curve Figure 4.4.4-2. Drag Curve
For velocity stability: dD/dV > 0
where: dD = change in drag due to change in velocity dV.
For example:
At point A (Fig. 4.4.4-2): if dV > 0 then dD < 0 - unstable
if dV < 0 then dD > 0 - unstable
At point B: (minimum D) if 4V > 0 then dD > O - stable
if dV < 0 then dD > 0 - unstable
At point C if dV > 0 then dD > 0 - stable

if dV < 0 tlien dD < O - stable

The following must be considered in determining the L/D value:
1) Point C must be at a value such that the difference between L/D at cruise and
maximum L/D will allow the aircraft to remain stable during normal flight velocity fluctuations.

If cruise L/D is too high, velocity fluctuations, such as wind shifts, may cause the aircraft's
flight L/D to reach or pass maximum L/D and result in instability.
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2) if cruise L/D is too low, excessive power requirements may result.
After discussions with Prof. Larsen, it was concluded that point C should be about 80% of
maximum L/D for a conservative estimate of cruise L/D (Ref. 94). Therefore a cruise L/D = 80%
of maximum L/D was assuimed for cruise performance estimation. Cruise thrust was com-
puted as a function of gross weight and cruise L/D.

thus: cruise thrust = GW/{cruise L/D)

where: L/D was computed as in Section 4.1.5.1,

Cruise speeds for all altitudes were computed by solving the basic L/D equation for velocity:

C,

L/D =
Cop * Cpc * CLI251 AR)
and: C - 2 GW
L p ST \VH
therefore: +C V2 4.4.4-1
erefore aW { & o [ 1 - 4 (LD ( 025’51 ”;)c )] ( )

p S; LD (Cpp + Cpe)
where: Cpp and Cp are as computed in Section 4.1.5.1

and: If L/D is cruise L/D then V is cruise V.

Cruise speeds for all operating altitudes are shown in Figure 4.4.4-3 for the point design

430.00

aircraft.
T
GW = 2,000,000 LBS /—
CRUISE L/D =~ 16.24 /
380.00 / ‘g

CRUISE SPEED (KTS)

280.00 ~

-
L~
230.00 -/ / i -

0.00 60.00 100.00 160.00 200.00 250.00 300.00 350.00 400.00

ALTITUDE (FT) X 102

Figure 4.4.4-3. Cruise Speed vs Altitude
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4.4.4.1 STALL SPEED: Stall speed is the speed at maximum C_ . The study aircraft
was assumed to have C, yax &qualto 1.

therefore:  Lift = GW = 2 p S;V2C_

2 GW 12
V= ( -5

(4.4.1-1)
ST CLMAX

where: V = Stall speed @ p

4.4.4.2 STALL THRUST: Stall thrust is the minimum thrust required to keep the
aircraft at or above stall spced:

Since T = GW/(L/D) (4.1.5-1)

and: CLMAX = 1 at all altitudes

therefore: (4.4.4-2)

cLMA)(

LDgraLL =

Cluax
Cop # Cop + —e
DP DC mARe

Stall L/D is constant for ali altitudes
For example:
At sea level: Cruise thrust = 126,000 Ibs
Stall thrust = 115,000 Ibs
Climb thrust = 56,000 Ibs
Total thrust at sea level = 182,000 lbs
At 30,000 ft: Cruise thrust = 123,000 Ibs
Stall thrust = 115,000 lbs
Climb thrust = 15,000 Ibs
Total thiust required at 30,000 ft = 138,000 Ibs

4.4.4.3 MAXIMUM SPEED: The aircraft's maximum straight and level speed will be
determined by the L/D at that speed: L/D @ maximum speed = GW/Ty

where: TT is the total available thrust

therefore: V@ maximum speed is found by Eq. 4.4.4-1,

The aircraft structure configuration will limit the aircraft’'s maximum speed. Therefore, a
structural speed limit of Mach 0.7 was assumed for the study aircraft (Ref. 9).
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Stall speed and maximum speed as a function of altitude are shown in Figure 4.4.4.3-1
for the point design aircraft. The maximum speed is the minimum of the speed found by Eq.
4.4.4-1 or Mach 0.7. For the study aircraft the Mach 0.7 limit is applicable above 20,000 ft

altitude.
500 T
5W = 2,000,000 LBS
Cumax = 1.0 (NO FLAPS)
MAX SPEED
400 R sl — S
L //
; /
s W

] w
i} &

] y SPEED —
! - //

1 l'/
.3 0 5 10 15 20 25 30 35 40
' ALTITUDE {FT) X 103

i
|

‘ Figure 4.4.4.3-1. Stall Speed/Maximum Speed vs Altitude

{

! 4.4.5 DESCENT: The rate of descent (R/D) was specified to be 8000 fpm from 30,000 ft for the

3 selected mission.

f LetRD =-R/ICand T = 0

Ii

al . - _GW GWR/C

I From Section 4.4.2: 0= ) + V

i
1 3 GW GWR/C =

¥ e LD Ty = Tcauise = P

i

: therefore: D = GWVR/C where: V = Velocity at cruise

let: Dg = Speed brake drag

Total drag for descent = D + Dg = T + Dg

where: T = thrust at cruise V prior to the start of descent
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therefore: GW R/D

D T
» Vv
Dg = Y2 p Sg V2 Cyyq sin @ (4.4.5-1)
where: Sg = area of speed brakes

Cpg = speed brake drag coefficient
¢ = speed brake angle as shown in Figure 4.4.5-1

therefore: (4.4.5-2)

__26W _(RAD _ 1)
S pViCygsine 'V LD

This resulted in a speed brake area of 3321 sq ft, or less than 6% of the wing area.

Figure 4.4.5-1. Airfoil with Speed Brakes Open ¢ Degrees

4.4.6 LANDING: The landing distance specified by the Civil Air Regulations is the horizontal
distance required to clear a 50 ft obstacle and come to a complete stop. As shown in Figure
4.4.6-1, the distance can be divided into two parts, the descent from the 50 ft altitude to
touchdown, and the deceleration distance required to come to a complete stop. Civil Air
Regulations require that, at the 50 ft altitude, a steady gliding approach be maintained at a true
airspeed equal to 1.30 of the stall speed and at touchdown the speed shall equal 1.15 of the
stall speed. These factors are used as safety factors to prevent a stall if, for any reason, the
angle of attack of the aircraft is increased.
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Figure 4.4.6-1. Flight Path in Landing

Other safety factors to account for are nonoptimum weather conditions and variations in
pilot technique. Increasing the calculated landing distance by 2/3 to obtain the runway
required for the aircraft is common design practice (Ref. 23, Ch. 2, p. 13).

The descent distance is calculated by using the relationship: change in kinetic energy
minus potential energy equals retarding force times distance:

so that:

where:

therefore:

thus:

where: a =

Y2 GWIg (Vso?-Vp?) + 50 GW = F dso

g = gravitational constant

Vso = velocity at 50 ft ailtitude = 1.30 Vgq

Vip = velocity at touchdown = 1.15 Vso

dso = horizontal distance required to descend 50 ft
Vgo = stall velocity

vV 2_y._2 '
dso=%w( — W +50)

29
F=D
GW = Lift
Vo2 = Vi’ ) (4.4.6-1)
1 50 1D
dso = L/D ( —_— + 50
Ground deceleration distance, d; = V;%2a (4.4.6-2)

average deceleration, which is a function of brakes and wheel sizes. For a

conventional brake design an average deceleration of 6 ft/sec? can be obtained.
(Ref. 33, Ch. 2, p. 14)

Vgo = [ 2GW/(p Sy Cppax) | 12 (4.4.1-1)
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where: CLMAX is with fuli flaps
and: landing field required = (dso + dg) 1.67 (4.4.6-3)
if approach angle is small: R/D at touchdown = V. (50/dso) (4.4.6-4)

and R/D for approach will be restricted to 500 fpm maximum.

4.4.7 AIRCRAFT PERFORMANCE: Figure 4.4.7-1 summarizes the point design aircraft per-
formance parameters, which were determined by the methods outlined in this section.

_— — -
gy = o

] . l SERVICE csn.mc'A
i 1 é /
!, L | { /
3 |
.i ‘ =
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{ e
if 8
“ b 20
i S
| =
M 5 UISE
CR
: < / .
10 7
' . / MAX
: . - STALL
. l /

l 100 200 300 400 500
AIRCRAFT SPEED (KTS)

i L ) = | . , 1 TAKEOFF THRUST 225,000 LBS
i TAKEOFF DISTANCE 10,000 FT
: TAKEOFF SPEED 110 KTS
1 MAX CLIMB RATE 600 FPM
it CRUISE L/D 16.24
' MAX L/D 20.30
. CRUISE THRUST 123,000 LBS
MAX MACH 0.7
MAX DESCENT RATE 8000 FPM
DESCENT RATE @ TOUCHDOWN | 262 FPM
¢ TOUCHDOWN SPEED 113 KTS
LANDING STALL SPEED 98 KTS
LANDING DISTANCE 11,000 FT

Figure 4.4.7-1. Nuclear Powered Aircraft Performance — 2,000,000 Ibs Gross Weight
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The flight envelope, for a clean aircraft flying straight and level, was determined as
outlined in Sections 4.4.4 and 4.4.5. The maximum speed is aresult of the total thrust availabie
(Secticn 4.4.2) and the airfoil limitations (Section 4.3.4).

Takeoff distance is nearly the same as landing distance, which is to be expected since
every landing is made at almost maximum gross weight. The landing deceleration is with
normal braking only. The use of a drag chute or thrust reversers could reduce the landing
distance by 1500 to 2000 ft (Section 4.4.6).

4.5 AIRCRAFT RECOMMENDATIONS

These recommendations are presented as a guide for additional efforts in airborne
nuclear power application. The recommendations cover only major areas of aircraft feasibility
and are considered to be the most prominent recommendations of the aircraft section.

4.5.1 CHEMICAL CAPABILITY: The requirement for a nuclear powered aircraft to takeoff,
land, and have limited cruise on chemical power is a limiting factor on the feasibility of the
aircraft. The required chemical fuel weight subtracts directly from the aircraft's potential
payload.

Additional studies should be made in both safety and operational areas to evaluate the
need for a chemical capability.

4.5.2 COMPOSITE WEIGHT SAVINGS: The use of composite materials in airframe construc-
tion offers a potential weight savings of up to 40% of the structural weight. However, this
weight reduction is based on projections for small aircraft for the 1990-2000 state-of-the-art.
Additional technology and cost feasibility studies should be made into composite materials
applications for large aircraft construction.

4.5.3 REACTOR MOUNTING AND GROUND HANDLING: The reactor and its associated
equipment will approach a weight of 900,000 Ibs (Sections 5, 6, and 7). This size, in addition to
the associated radiation hazard, creates problems never before encountered. The reactor
shouid be removable for servicing because of the layered construction of the reactor and the
radiation hazard. A method of heat removal will also have to be devised due to the large
amount of thermal energy produced for an extended period of time after reactor shutdown.
The containment vessel-supporting structure interface should be the subject of careful study.




3 o T it S O . il B = -

S SR T

- ——g

Most attempts at containment vessel design to date have relied on a flexible spherical shell
that acts as a kinetic energy absorber in the event of a crash. The semi-rigid mounting of the
containment vessel in the airframe requires that the containment vessel be made more rigid.

This conflict of design requirements must be resolved so that containment vessel integrity is
maintained during dynamic loading.

These problem areas should be completely identified and investigated from all aspects
including:

1) reactor operating restrictions

2) further analyses of the reactor mounting system, both inflight and landing integ-
rity and ground removal

4.5.4 AIRCRAFT LANDING SYSTEMS: The aircraft landing system becomes increasingly
critical as the aircraft gross weight increases; a 2,000,000 Ib gross weight may be the upper

limit for conventional land based landing systems (Ref. 40). Other types of systems may have
to be developed for aircraft in excess of this gross weight.

Further studies should be initiated to investigate the advantages of surface effects or
water landing systems for large gross weight aircraft.

4.5.5 AIRCRAFT CONFIGURATION: The majority of effort in this study was spent with a
canard configured vehicle. Certainly before any final conclusions can be reached about the
feasibility of a nuclear powered airplane, detailed analyses of the several configurations given

cursory review in this study should be completed to determine which one would provide the
best overall weapon system.
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SECTION S
NUCLEAR REACTOR

5.0 INTRODUCTION

5.0.1 APPROACH: The approach taken in the nuclear reactor analysis was to present and use,
without verification, the designers’ data for three specific reactor designs. The designers' data
for each reactor were applied to the aircraft and mission to assess the feasibility of that
particular combination.

In some cases, simplistic modeling was used to assess an off-point design feature of a
reactor. An example of this was an attempt to assess potential weight savings through reduced
radiation shielding.

The three reactors considered include two gas cooled designs and one liquid-metal
cooled design. One of the gas cooled designs is the Westinghouse Astronuclear Laboratory's
Low Specific Weight Powerplane, which was based on the nuclear rocket program (NERVA)
technology and mobile reactor design work performed for the Navy. Design data for this
reactor was proprietary and, thus, much of it was not released, but sufficient parametric data
for this study were made available (Ref. 175).

The other gas cooled design was taken from Aircraft Nuclear Propulsion: A New Look in
1971, a doctoral dissertation prepared by King L. Mills at the University of Virginia (Ref. 122).

The liquid-metal cooled design is, again, by the Westinghouse Astronuclear Laboratory.
The design, NERVA II, was an extensive analysis performed for the Air Force in 1969, and
provides complete design data for a point design with parametric data for off-point designs.
The NERVA |l liquid metal reactor information is presented in Volume |l of this study.

5.0.2 TECHNOLOGY: The energy available from a nuclear reactoris in the form of f\eat. which
is extracted by a coolant loop and used to perform work. To maximize the efficiency of sucha
thermodynamic cycle would require maximizing the operating temperature. in the case of the
nuclear aircraft propulsion system, this maximum temperature is limited to approximately
1800°F by metallurgical restrictions in the heat exchangers.

However, even at the 1800°F temperature, the corrosive effects of the coolant rule out tive
use of anything but helium or liquid-metal cooled reactors (Ref. 100, p. 78-80).

In addition to the desirability of utilizing a high temperature system, a high core power
density is desirable to improve lifetime and decrease the system weight.

The necessity of a high power density system becomes evident when a long life fuel
element is desired. A low power density fuel element operated at a high power level would
obviously have a limited life, but the problem is severely compounded by the fact that the total
fuel burned is only a fraction of the total fuel required to make the system operate. This stems
from constraints, both nuclear and physical, that will not allow 100% burnup of the available
fuel.
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The nuclear constraint is the fact that there must be enough fuel present to insure, with
probability equal to one, that one of the neutrons released from a fission will produce another
fission. When the amount of fuel present becomes too Inw, and the probability that the
released neutrons will produce another fission becomes less than one, the chain reaction
ceases.

The physical constraint arises from the fact that the fission fragments, especially the
gases, produce a pressure buildup in the fuel element which may cause failure. The fission
fragments may also change the structure of the fuel lattice, but in either case only a portion of
the fuel may be burned before material failure occurs. When material failure of the fuel
element occurs, there exists the possibility of a release of fission fragments into the reactor
system's coolant loop.

Liquid-metal cooled systems have demonstrated the capability for high power densities in
the Experimental Breeder Reactor — two at 890 watts/cc (Ref. 100, p. 348), and the Enrico
Fermi Reactor at 460 watts/cc (Ref. 100, p. 342). However, they have not utilized the tempera-
tures required for the airborne propulsion system. Helium cooled systems have been operated
at high temperatures, but not at high power densities; however, the hydrogen cooled NERVA
reactor used both high temperature (4500°R) and high power density (4000 watts/cc) (Ref. 172,
p. 7).

The relative safety of the helium and liquid-metal systems will have to be studied closely,
but some general points can be made.

Helium is chemically inert, cannot be activated by radioactivity and is graphite moderated.
Helium cooled reactors are very stable (Ref. 100, p. 409). Also, in the event of a loss of helium
coolant, the reactor afterheat can probably be removed by pumping air, at atmosphetic
pressure, through the core.

On the other hand, the liquid-metal coolants are highly active and react violenfly with air
and water, and do become activated by neutrons. Also, the ability to provide an emergency
coolant in the event that the liquid-metal loop is lost is questionable.

Because of the low density of helium, it must be highly pressurized to keep the coolant
flow velocity at an acceptable level. Even at high pressure, the pumping power required to
circulate the helium is considerable. It will be shown in Section 7 that the pumping power
required for helium is approximately 10 times that required for liquid-metal.

Some liquid-metals will be in a solid state at ambient temperatures so that a phase change
will be neressary before the system can be used. A heating system would have to be provided
to accomplish this phase change.

This section of the report is divided into four main parts. The first part presents reactor
design requirements; the second part presents the reactor designs; the third part presents an
evaluation of the reactors; and, the fourth part presents ideas on possible reactor weight
savings.




i , 5.1 REACTOR DESIGN REQUIREMENTS

5.1.1 POWER REQUIREMENTS: The reactor power comes from energy released oy fissioning
nuclear fuel. For Uranium 235, this energy is approximately 200 million electronvolts (Mev) per
fission. Most of this energy goes into the kinetic energy of the fission fragments and is quickly
converted to heat in the surrobunding media. The thermal reactor power which must be
generated in this manner is determined by the power requirement of the aircraft and the
efficiency of the power conversion system.

With the thrust requirement established in Section 4, and the engine and heat transfer
system designs given in Sections 6 and 7, respectively, the reactor power requirements were
determined to range from 475 to 700 Mw thermal (Mw(th)).

5.1.2 ENVIRONMENTAL REQUIREMENTS: A portion of the energy given up by fissioning
and radioactive decay escapes the reactor core as nuclear radiation. The potentially harmful
effects of this radiation require that special attention be given to protection of the crew, the
general populace, and the aircraft structure. This section considers only the radiation emis-
sions associated with normal operations. Emissions associated with accidents are discussed
in Section 8.

5.1.2.1 THE CREW: In order to establish radiation design criteria for the crew, it was
assumed that both the flight and ground crews would be classified as radiation workers. This
establishes a maximum legally allowable radiation dosage of 5 rem/yr, which is further
restricted in that no more than 3 rem may be received in any one quarter (Ref. 47, p. 53).

It was also assumed that the aircrew would be available for one flight per month, for
ten months per year. The other two months were excluded to account for leave and uncertain-
ties such as illness. The mission requirements call for a maximum of 14 days per flight which
s gives the following maximum hourly dose rate:

| ¢ (5 rem/yr)(1 yr/3360 fit hrs) = 1.49 mrem/fit hr

The maximum allowable ground crew dose rate was based on a duty schedule that
assumed 30 days of leave per year, a five day work week, and an eight hour workday. This gives
1916 working hours per year, or a maximum allowable dose rate of:

—

[

(5 rem/yr)(1 yr/1916 work hrs) = 2.61 mrem/work

W

It is recognized that these maximum allowable dose rates are average figures based | ¥
on uniform exposure to radiation and can be exceeded for periods of time provided that the
maximum cumulative dose limits are not exceeded.

5.1.2.2 THE GENERAL POPULACE: The radiation standards applicable to light water
reactors were assumed to be applicable to the nuclear powered aircraft, thus limiting the
radiation exposure of any person in the general populace to 5 mrem/yr (Ref. 46, p. 167).
Whereas, in a ground based nuclear power plant, the only radiation that the general populace
isexposed to is that received from the effluents that reach the plant perimeter, there is no such

5-3




ey .
oy Het emnra i 7 s et S

o v w4 camw. e

e

o e,

DR

fixed perimeter for the aircraft. Therefore, if the aircraft flies closely enough, the general
populace may be exposéd to direct radiation from the reactor as well as radiation from the
effluents. This analysis considers the exposure to both direct radiation and effluents.

1]
3

5.2 REACTOR DESIGNS

5.2.1 WESTINGHOUSE HIGH TEMPERATURE GAS REACTOR: The Wesfinghouse high
temperature gas reactor (WHTGR) was designed for mobile application and uses pressurized
helium as a coolant. The fuel elements are uranium carbide dispersed in graphite; the
radiation shielding layers are tungsten, zirconium hydride, and lithium hydride; and the

containment vessel is a layer of Haynes 188 (Ref. 176). Figure 5.2.1-1 shows a preliminary
drawing of a 275 Mw(th) WHTGR (Ref. 176).

N CONTAINMENT

Figure 5.2.1-1. Preliminary Drawing — WHTGR

54




Figures 5.2.1-2 through 5.2.1-8 show the results of preliminary design analysis performed
by Westinghouse Corporation. Figure 5.2.1-2 shows the reactor coolant outlet temperature
versus the intermediate heat exchanger outlet temperature. A heat exchanger temperature of
2260°R (1800°F) requires a reactor outlet temperature of approximately 2360°R.

HEAT EXCHANGER INTERMEDIATE FLUID EXIT TEMP. °R

-~ Ep—

REACTOR OUTLET TEMPERATURE °R

Figure 5.2.1-2, WHTGR Temperature vs Heat Exchanger Temperature

Shown in Figures 5.2.1-3 through 5.2.1-5 are the effects on reactor weight of various
power levels, core lifetimes, and core power densities (Ref. 190). The 313 mg/cc fuel density of
Figure 5.2.1-3 is presently obtainable; the 400 mg/cc of Figure §.2.1-4 could be obtained with
minimal development; and, the 500 mg/cc of Figure 5.2.1-5 could be obtained with extensive
fuel bead development (Ref. 190, p. 54).
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It can be seen that increasing the fuel density from 313 mg/cc to 400 mg/cc, ‘or a 10,000

hour lifetime core at a 700 Mw power level would decrease the system weight by approximately
300,000 Ibs.

The effects of changing core lifetime can be seen, as an example, by considering the 400
mg/cc core (Figure 5.2.1-4). At 700 mw(th), an increase from 5,000 to 10,000 hrs of lifetime
increases the weight by approximately 70,000 Ibs.

The effect of reactor power on reactor weight is a nearly linear relationship in the range of
interest (475-700 Mmw(th),. Figure 5.2.1-4 shows a weight of approximately 800,000 lbs at 475
Mw(th), and approximately 980,000 Ibs at 700 mw(th) for a 10,000 hour core lifetime.

Figures 5.2.1-6 through 5.2.1-8 show the reactor containment vessel outer diameter
versus the reactor power. Figure 5.2.1-7 (400 mg/cc) shows a containment vessel outer- -
diameter of approximately 273 in. for a 700 Mw(th) reactor with a 10,000 hr core.

Shown in Table 5.2.1-1 is a sample weight breakdown for a 275 Mw(th) reactor (Ref. 190).
Figure 5.2.1-9 depicts arevised graph of reactor power versus reactor weight. This figure is for
a 400 mg/cc, 10,000 hr fuel element, and shows weights for different values of intermediate
heat exchanger effectiveness (Ref. 177). Revised data for other fuel loadings and core
lifetimes were not available at the time this publication was written.

TABLE 5.2.1-1.
COMPONENT WEIGHTS FOR A 275 Mw(TH) WHTGR

REACTOR AND TUNGSTEN SHIELD 123,600
REACTOR PRESSURE VESSEL AND CONTAINMENT 19,440
EXTERNAL SHIELD 313,700
INTERMEDIATE HEAT EXCHANGER . 32,240
POWERPLANT, CONTAINMENT AND AUXILIARY SYSTEM 105,300
CICULATORS AND PIPING 19,089
NUCLEAR MODULE TOTAL 615,860
1eey | { ! | INTERMEDIATE
400 MG/CC OF ELEMENT HEX
900 : ?;::oré):apguun TEMPERATURE 2260°R 4 / (=09
e oz A ” - =075
! e
| - e
[}
# 500 — —— -4 4 - --1
=t |
200 =L
0 100 200 00 400 500 700
REACTOR POWER — MW
* ¢ —~ HEAT EXCHANGER EFFECTIVENESS

Figure 5.2.1-9. Westinghouse Revised Reactor System Weight vs Reactor Power
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Table 5.2.1-2 shows gamma ray dosages predicted at the distance and direction from the

reactor shown. The axial direction is toward the aircraft nose, and the radial direction is
toward the fuselage skin. It can be seen that the dose rate in the axial direction is 5 mrem/hr, 20

ft from the reactor (Ref. 175).

TABLE 5.2.1-2.

WESTINGHOUSE HIGH TEMPERATURE GAS REACTOR
GAMMA RADIATION DATA (REF. 175)

DISTANCE DIRECTION DOSE RATE
(FT) (MILLIREM/HR)
20.0 AXIAL 5.00
20.0 RADIAL 400.00

5.2.2 MILLSHIGH TEMPERATURE GAS REACTOR: The Mills High Temperatu-e Gas Reactor
(MHTGR) is also helium cooled and was designed specifically for airborne nuclear propulsion.
It was point designed for a power level of 200 Mw(th) with a 3000 hr core lifetime. The fuel
element is uranium carbide dispersed in carbon with tungsten and lithium hydride for shield-
ing. Figure 5.2.2-1 shows a cutaway diagram of the reactor reproduced from Mills' dissertation

(Ref. 122).

—

HYDRIDE

TUNGSTEN

RAEFLECTDR
LU
VESSEL

LITHIUM

Figure 5.2.2-1. Cutaway Drawing of MHTGR
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The MHTGR was designed without an intermediate heat exchanger using a single helium
coolant loop, and without a containment vessel. For this analysis, an intermediate heat
exchanger was added outside the lithium hydride shield, with a 2 in. thick containment vessel
outside the heat exchanger.

Table 5.2.2-1 shows a breakdown of component weights as predicted by Mills (Ref. 122,p.
138), and Table 5.2.2-2 shows some of the reactor dimensions. As before, axial dimensions are
in the direction of the aircraft nose, and radial dimensions are in the direction of the fuselage

skin.
TABLE 5.2.2-1.
COMPONENT WEIGHTS FOR 200 Mw(TH) MHTGR
; CORE 1964.5
; REFLECTOR 2224.1
i PRESSURE VESSEL 9668.7
’ TUNGSTEN SHIELD 121383.4
’ LITHIUM HYDRIDE SHIELD 52864.9
. 188124.6
Z
! TABLE 5.2.2-2. DIMENSIONS OF MHTGR
|
1
CORE RADIUS 14.47 REF. 122, P. 39
HEIGHT 38.95 REF..22, P. 39
oF PRESSURE VESSEL THICKNESS 3.50
1 TUNGSTEN SHIELDING THICKNESS RADIAL 9.24 | REF. 122, P. 134
AXIAL 10.97 REF. 122, P. 95
1 LITHIUM HYDRIDE SHIELDING THICKNESS | RADIAL 27.60 REF. 122, P. 97
' AXIAL 63.98 REF. 122, P. 95
| : OVERALL SYSTEM RADIUS 62.20 REF. 122, P. 98
| : HEIGHT 204.7 REF. 122, P. 98

Table 5.2.2-3 gives gamma ray dosages as predicted by Mills. The dose rate in the axial
direction is given as 2.199 mrem/hr at 21.98 ft from the reactor (Ref. 122,p. 133).

TABLE 5.2.2-3. MILLS HIGH TEMPERATURE GAS REACTOR
GAMMA RADIATION DATA (REF. 122, P. 133)

" DISTANCE DIRECTION DOSE RATE
(FT) . (MILLIREM/HR)
22.0 AXIAL 2.20
5.5 RADIAL 8.33 X 10*
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5.2.2.1 MILLS REACTOR MODIFIED: In order to use the MHTGR design, it was
necessary to add an intermediate hcat exchanger and a containment vessel, and scale the
system to the desired power levels. In order to do these with reasonable accuracy, it was
necessary to develop a model that would predict the volumes and weights of the MHTGR
design with acceptable accuracy. That was accomplished by modeling the reactor as concen-
tric :ight circular cylinders. In that fashion, the predicted weight was found to be 202,500 Ibs,
which is within 7.7% of the 188,124 Ibs given by Mills. Table 5.2.2.1-1 shows the breakdown of
weights predicted by the modelincluding the added heat exchanger and containment vessel.

TABLE 5.2.2.1-1.
MHTGR WEIGHT ESTIMATION AT 200 Mw(TH)

OUTER | OUTER TOTAL SECTION | SECTION SECTION
RADIUS | HEIGHT VOLUME VOLUME | DENSITY WEIGHT
(IN.) (IN.) (IN.9) (IN.9) (LB/IN.3) (LBS)

CORE 14.47 38.95 | 2.562x10¢ | 2.562X 10* | 0.07665 1.964 X 10?
voID 15.05 38.95 2771 X 10* | 2.09 X 10 - ==
REFLECTOR 20.05 3895 | 4.919X10* | 2.418 X 10¢ | 0.09062 1.946 X 10°
voID 21.54 49.53 7.219X10¢ | 23 X 10¢ - —
PRESSURE VESSEL 25.04 56.53 113X 108 | 3911 X10¢ | 0.3299 1.290 X 10¢
TUNGSTEN 34.28 78.47 | 2896 x10° | 1.783Xx 105 | 0.6973 1.243 X 108
LITHIUM HYDRIDE 61.88 20643 | 2.483x10¢ | 2193 X 10* | 0.02801 6.142 X 10*
SUB-TOTAL 2.025 X 10°
HEAT EXCHANGER 61.88 220.70 | 2.655X10* | 1.723 X 10 = 2.6 X104
CONT. VESSEL 63.88 224.70 | 2.880X10¢ | 225 X108 | 0.3299 7.422 X 10
TOTAL 3.027 X 10°

The volume of the added heat exchanger was found by linearly scaling the heat
exchanger volume as a function of reactor power. The base volume and power were taken
from Section 7 of this report and are given as 190.8 ft3 at 574 Mmw(th). An additional 50% was
added as void to compute the volume of space required for mounting the heat exchanger. in
this manner, the volume of space required for heat exchanger addition is given as:

P
V = g5 (190.8)(1.5)

V = volume of heat exchanger required at power level P

The weight of the added heat exchanger was also found by linear scaling. In the heat
transfer equation Q = p VACp AT, (p = density, V = velocity, Cp = specific heat, AT =
temperature differential, A = area) if all quantities on the right side of the equation are held
constant except area, the area varies linearly with power. It was assumed that volume was a
linear function of area, and that weight was a linear function of volume, so that:

=P
Wz—P‘Wl

W2 = heat exchanger weight at pcwer level two
Wi = heat exchanger weight at power level one
P2 = power level two
P1 = power level one
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The base values were taken from Section 6 of this report as 65,000 Ibs at 500 mw(th). This
yields:

= -
W2 = £ (65.000)

In order to scale the MHTGR to the higher power levels required for this report, it was
assumed that the core power density was constant such that core volume varies linearly with
power. Additionally, the ratio of core height to radius was kept constant so that:

h 3895
v 1Ay " 268
h = height of core

radius of core

q
i

With these assumptions,

Pir_ Vi nh
P2~ Va2 r2?h;

- P2) P _ 4447 (P )P
wen () o ()"
hz = 2.691 r2

P+ = power level one

P2 = power level two

Vi = volume of core at power level one
V2 = volume of core at power level two
r1 = radius of core at Py

r2 = radius of core at P2

hi1 = height of core at P4

h2 = height of core at P2

With the relationships thus established, the volumes and weights for the reactor can
be calculated at any power level. Shown in Tables 5.2.2.1-2 and 5.2.2.1-3 are the computed
weights for 574 and 700 Mw(th) power levels. The three values of total weight computed at 200,
574, and 700 Mw(th) were used to plot the power versus weight curve shown in Figure 5.2.2.1-1.

It may be noted that the WHTGR is substantially heavier than the MHTGR. This is due
to the much heavier shielding used in the WHTGR. The shielding differences yield considera-
ble differences in radiation dosages as will be discussed in Section 5.3.

5.2.3 WESTINGHOUSE LIQUID METAL REACTOR: See Volume Ill.
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TABLE 5.2.2.1-2.
MHTGR WEIGHT ESTIMATION AT 574 Mmw(TH)

OUTER OUTER TOTAL SECTION SECTION SECTION
RADIUS | HEIGHT VOLUME VOLUME DENSITY WEIGHT
(N Ny 0N | Ny | enN) (LBS)
CORE 20.56 55.33 7.347 X 104 7.347 X 104 0.07665 5.361 X 10?
vOID 21.14 55.33 7.768 X 104 4.210 X 10? — —
REFLECTOR 26.14 55.33 1.187 X 108 4.102 X 10¢ 0.09062 3.717 X 10?
voOID 27.63 85.91 1.580 X 10% 3.930 X 104 — -_—
PRESSURE VESSEL 31.13 72.91 2.219 X 10* 6.390 X 10¢ 0.3299 2.108 X 10*
TUNGSTEN 40.37 94.89 4.865 X 10° 2.637 X 108 0.6973 1.838 X 108
LITHIUM HYDRIDE 67.97 222.81 3.233 X 10¢ 2.747 X 10¢ 0.02801 7.694 X 10
HEAT EXCHANGER 67.97 256.82 3.727 X 10¢ 4.495 X 10% - 7.462 X 104
CONT. VESSEL 69.79 260.82 3.990 X 10¢ 2.630 X 10° 0.3299 8.676 X 10¢
TOTAL 4,522 X 10*
TABLE 5.2.2.1-3.
MHTGR WEIGHT ESTIMATION AT 700 Mmw(TH)
OUTER OUTER TOTAL SECTION SECTION SECTION
RADIUS HEIGHT VOLUME VOLUME DENSITY WEIGHT
(IN) (IN.) (IN.9) (IN.9) (LB/IN.3) (LBS)
CORE 21.96 59.12 8.596 X 10 8.596 X 10¢ 0.07665 6.588 X 102
voOID 22.54 §9.12 9.4368 X 10¢ 8.400 X 10° —_ —
REFLECTOR 27.54 59.12 1.408 X 10°% 4.644 X 10* 0.09062 4.208 X 10?
voOIiD 29.03 69.70 1.845 X 10% 4.370 X 10¢ -— —-—
PRESSURE VESSEL 32.53 76.70 2.549 X 108 7.040 X 104 0.3299 2.322 X 10*
TUNGSTEN 41.77 98.64 5.406 X 108 2.857 X 108 0.6973 1.992 X 10®
LITHIUM HYDRIDE 69.37 226.60 3.425 X 10¢ 2.884 X 10°¢ 0.02801 8.078 X 10*
HEAT EXCHANGER 69.37 266.44 4.028 X 10¢ 8.031 X 10¢ —_ 9.100 X 10¢
CONT. VESSEL 71.37 270.44 4.327 X 10¢ 2.990 X 108 0.3299 9.864 X 10
TOTAL 5.035 X 10%
500
400 Z
LBS. /
11000} /
300 4 —
¥ <
0 1 2 3 4 5 6 7 8
POWER (mw)

Figure 5.2.2.1-1. MHTGR Reactor Power vs Reactor Weight
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5.3 EVALUATION OF THE REACTORS

5.3.1 ENVIRONMENTAL ASPECTS: The environmental effects of the two gas reactors were
analyzed using the designers’ gamma radiation data which are reproduced in Table 5.3.1-1. All
neutrons are assumed to be absorbed by the LiH shield. Dose rate is given as a function of
distance from reactor center and direction of the radiation. The longitudinal direction is along
the axis of the aircraft’'s fuselage (tail to nose). The radial direction is perpendicular to the
fuselage axis.

TABLE 5.3.1-1. REACTOR RADIATION DATA

DOSE RATE DISTANCE
REACTOR (MREM/HR ) DIRECTION (FT)

MILLS 220 LONGITUDINAL
(REF. 122, P. 133)

MILLS 8.33 X 104
(REF. 122, P. 133)

WESTINGHOUSE g LONGITUDINAL
(REF. 175)

WESTINGHOUSE X RADIAL
(REF. 175)

5.3.1.1 THE CREW: Because the reactors were designed with dose rates above the
1.49 mrem/hr requirement of this study, the crew must be located farther from the reactor than
the distances associated with the designers’ dose rates. This increased separation decreases
the dose rate due to spherical divergence of the radiation. Murray's Introduction to Nuclear
Engineering gives the relationship between dose rates and gives distance as (Ref. 129, p. 254):

Rz = (Dy/D2) 12 gy

Dy = dose rate at first distance

D2 = dose rate at second distance
Ry = distance at D1
R2 = distance at D:

For the MHTGR the dosage was given as 2.20 mrem/hr at 22.0 ft. If the crew is to get no
more than 1.49 mrem/hr, spherical divergence is used to determine the closest distance they
can come to the reactor.

re-(2) " a

_[2.20\/2
-(ﬂ—g) 22 ft

R2 = 26.73 ft

R2




Another option would be to design the aircraft so that the crew was to be allowed
closer than this for a carefully measured time. They then must spend enough time in an area far
enough removed so that they average 1.49 mrem/hr. The number of flights per year as a
function of distance from the core center is presented in Figure 5.3.1.1-1. As can be seen, the
canard design would allow a crew member to fly for an entire year with a large safety margin. A
conventional aircraft design, however, would allow the crew member only about five flights
per year which would result in a much larger crew force.

i |
ONE YEAR (26.1 14 DAY FLTS)
o ann ann emn s
[+ 4
g
W
& /
v
£ 2 / g
g 3
: g
> 5” 3
< ~ N
& [ /8
2 | s
5 of— {
-4 /
w
z
2
2 //l
!
50 100 150 200 250
3
DISTANCE FROM
REACTOR (FT)
CONVENTIONAL CANARD
AIRCRAFT AIRCRAFT DESIGN

Figure 5.3.1.1-1, Flights per Year

Perpendicular to the aircraft longitudinal axis, the MHTGR has a dose rate of 8.33 x
10* mrem per hr at the reactor shield (Ref. 122, p. 199). One minute walking through this area
would mean a crew member would receive 950 mrem or the dose allotted for two trips. Unless

additional shielding is added, this restricts crew passage from fore to aft of the reactor
sections for an entire flight.

The ground crew were also considered radiation workers and this same radiation
restriction applied. Considering the 2.61 mrem/hr requirement and the radial radiation of both
reactors, the distances the ground crew would have to be removed, if the reactor were in
operation, were computed:

Westinghouse Reactor:

( 400 mrem/hr

1/2
3,61 mrem/hr ) =

Mills Reactor:

8.33 X 10* mrem/hr \ V2
2.61 mrem/hr

5.5 ft = 983 ft
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The above results show that ground operation of either reactor would have to be restricted.

[ The MHTGR would have much greater restrictions than those imposed on the Westinghouse
- Reactor.

5.3.1.2 THE GENERAL POPULACE: The effects on the general populace that were
i analyzed were those due to effluent and direct radiation. Both effects were modeled on a

conservative basis. When reactor power level was required for calculation, it was assumed to
be the largest power level required in this study (700 Mw).

It was assumed that the effluent release was directly proportional to the operating
power level and the helium cooled Peach Bottom Reactor (115 Mw(th)) was used as a reference
point for effluent release (Ref. 100, p. 429). Peach Bottom's effluent release was 0.003% of that

permissible for noble and activation gases and 0.6% of that permissible for halogens and
particulates (Ref. 46, p. 255).

Effluent radiation was modeled in two ways. All 60 aircraft were considered (1) to be
on the ground, and (2) airborne. For the case of the aircraft on the ground, two cases were
considered: (1) the aircraft uses only chemical power for takeoff and landing, in which case,

|
; ! the reactor is not operated within 30 minutes of home station; and (2) the aircraft uses riuclear
1 power for takeoft and landing.

For the first case of effluent radiation with all 60 aircraft on the ground and chemical

power used for takeoff and landing, the power level of the reactor can be determined from the
Way-Wigner formula (Ref. 49, p. 1-37):

P = Po (0.0622) (t22 — (t1 + t2)~?)

s e e Bt o SR T 1=

Po = original power level
t1 = operating time in seconds before shutdown
tz = time in seconds since shutdown

For aninitial power level, Po = 700 Mw, t1 = o, and t2 = 1800 seconds (30 minutes), the

power for a single aircraft is found to be 9.71 Mw. For the entire fieet of 60 aircraft, the power
level is 60 x 9.71= 583 Mw. _ !

: :
Comparing this power level to the Peach Bottom Reactor yields: |

( 583 ) (0.003%) = 0.015% of the allowed effluents for noble and activation gases

PR R

1

( __.??g ) (0.6%) = 3.0% of the allowed effluents for halogens and particulates

Thus, the effluent radiation for this case is negligible.

For the case of nuclear powered takeoff and landing, the effluent radiation must be calculated
for the 30 min assumed to be required for aircraft warmup, taxi, takeoff, and initial climb.
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The mission length was specified at 336 hrs; therefore, the above 30 min is 0.14% of the mission
time. For 60 aircraft 8.93% of the 700 Mw would be used during the 30 min. This equates to 62.5
Mw of stationary reactor power. Thus, the effluent radiation is again negligible for this case.

Finally, effluent radiation was considered with all 60 aircraft airborne, the reactor

power level is assumed to be at full power (700 Mw), and the time of exposure is taken as the
time that the aircraft is within 7 nm of base.

The approach and climb speeds are given in Section 4 as 113 and 150 knots, respec-
tively. This yields a time spent within 7 nm of base of

7/113 + 7/150 - 0.1086 hrs

The total time airborne for a 14 day mission is 336 hours; therefore, the aircraft is
within 7 nm of base 0.1086/336 = 0.032% of the time that it is airborne.

Ifthe fleet of 60 aircraft were airborne 100% of the time, only 60 x 0.032% = 1.9% of the
time wouid be spent within 7 nm of the base. The average power level in this case would be

700 x 0.019 = 13.5 Mw
so that, for all cases, the effluent radiation is negligible.

The exposure of the general populace to direct radiation was examined for three
cases. The first case considers radiation from aircraft on the ground where chemical power is
used tor takeotf and landing and the reactor is not operated within 30 min of home station. The
second case considers radiation from aircraft on the ground where nuclear power is used for
takeoff and landing, and the third case considers radiation from airborne aircraft. Each case

was considered using a mission time of 1.2 x 10® seconds and the two limits of uullzatlon rate
of 0.7 and 0.16 as established in Section 2.

For these two utilization rates, the time spent on the ground between flights is:

LS Bl 627’( i (0.3) = 5.18 X 105 seconds for 0.7 utilization rate

18X 10° « 9% seconds for 0.16 utilizati
W——(O.B«t) = 6.35 X 108 seconds for 0.16 utilization rate

For the first case, of aircraft on the ground and using chemical for takeoff and
landing, the Way-Wigner formula can again be used to determine the average power levels:

= 5.18 X 108

P.7 =Po (0.0622) [1g00 tz~ %2 dta
518 X 10°

= 6.35 X 10°

P.s = Po (0.0622) [ 4500 t 02 dt2
6.35 X 10°

5-18




The average number of planes on the ground (NP) is expressed as the fieet size times
one minus the utilization rate:
. NPj = (1-i)60
' NP.7 = (1-0.7)60 = 18
NP.16 = (1-0.16)60 = 50.4

The total average power from the aircraft on the ground is:
P =PNP

P 18(1.34) = 68.06 mw

P.16 = 50.4(0.272) = 119.4 mw

it

Since the average power level for aircraft on the ground is greatest for the 0.16
utilization rate, only that case will be considered further.

The dose rate for a given reactor is proportional to the power level in the following

£ manner:
\!
f gy
{ P2 D2
Pi = power level one

P2 = power level two
. D: = dose rate at power level one
D2 = dose rate at power level two

Using the radial radiation data from Table 5.3.1-1, the dose rate for both reactors was
calculated:

MHTGR: Dz = ( 524 ) (8.33 X 104 = 1.42 X 10* mrem/he

{ Westinghouse: D2 = ( 1% ) (400) = 68.2 mrem/hr

where: D2 is the dose rate for the average 119.4 mw of reactor power.

The maximum dose rate to the general populace must be 5 mrem/yr (5.71 x 10* mrem/hr) or
: less. Therefore, the distance the aircraft must be removed from the general populace is:

4 1/2
MHTGR: ( 33222 5.5 ft = 27,500 ft

1/2
Westinghouse reactor: (%—6—‘ ) g 20 ft = 6912 ft

|
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For the second case, radiation from nuclear powered takeoff and landing. the 30 min
of warmup, taxi, takeoff, and climb under full reactor power was used to estimate radiation
effects on the general populace. Again, for a worst case model, all 60 aircraft at the same base,
a utilization rate of 0.7, and the populace remaining at the same location were assumed. The
0.7 utilization rate and the 60 aircraft fleet size again resulted in 1100 flights/year out of the

base. Using the radial radiation data from Table 5.3.1-1 the total dose per year was plotted as a
function of distance (Figure 5.3.2-1), such that:

Total dose = (d) ( :_;;_ ) tNE

e e

where: Dy, Ry are defined in Table 5.3.1-1

Rz = distance from aircraft
t = time of reactor operation at full power (assume 30 min)
NF = number of flights per year

As can be seen from Figure 5.3.1.2-1, the general populace must remain at least 2% miles from
the Mills Reactor and about % mile from the Westinghouse Reactor. Again, the Mills Reactor is
more restrictive than the Westinghouse Reactor.

10

SIDE RADIATION EXPOSURE

e e — f— — — 5 mrem/yr

TOTAL DOSE (mrem/yr)

4 —

MILLS
# o
\’,mmmuwu
N

2 4 6 8

DISTANCE (MILES)

Figure 5.3.1.2-1. Total Dose as a Function of Distance
from Full Power Reactor
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For the third case, which considers the radiation from airborne aircraft, the minimum
separation between the general populace and the aircraft was computed as a function of the
number of missions flown per year. It was assumed that only one takeoff and landing would be

_ made per mission, and that, in the long run, the aircraft would fly over the populace on either
end of the runway an equal number of times. Therefore, since the aircraft flies slower on
' approach for landing than on climb after takeoff, it is the worst case, and is the case analyzed

here.
The time spend over any area was found using the geometric model in Figure
5.3.1.2-2.
l
' =0
. ? h : . r
, * :h ff
‘ r ‘\ L ¥ |
! 4’ |
p
E - Figure 5.3.1.2-2. Geometric Model l !

The aircraft is assumed to be flying straight and level and will come no closer than h ft to the
point p. With V as the velocity of the aircraft, the total dose (D) at the reference distance, D,
may be found: |

o s i S e o N el
L R T TR R

; d Dt _ Di h? |1
a

; _ (> Dih2  2Dih

1 iat - s

The total dose received is expressed as the dose rate times the time interval (2 h/V) over which
it is received.
Using spherical divergence, the total dose received at a distance Rz is:

= Ri2 2Dih
R2?2 v

-~ .o amo

O;

where: DT = total dose received

D
t R

dose rate at reference distance |
reference distance '

R2 = distance at which Dy is received
h = aircraft altitude
V = aircraft velocity f
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Substituting R2 for h and rearranging terms:

_aRE O
Fhr--Z—DT v

However, this is for each flight and, therefore, must be adjusted for the number of flights per
year. Again assume the worst case of a utilization rate of 0.7 and all 60 aircraft pass over the
point, p. Therefore the number of flights per year would be 1100 over p.

Riz Dy

Thus: Rz = 2 NF DT vV

where: R2 = minimum altitude separation for a total dose Dy

NF = number of tlights per year

With D; = 5 mrem/yr for the general populace and V = 113 kts during the landing phase. The

altitude separation of the aircraft and populace was calculated for both reactors using radial
radiation data from Table 5.3.1-1.

Thus: MHTGR: Rz = 1614 ft

Westinghouse: Rz = 90 ft

Thus, an aircraft equipped with a Mills Reactor cannot descend lower than 1614 ft over the
general populace with the reactor at full power, if all aircraft were stationed at the same base.
However, if the fleet were dispersed at three bases, this distance would decrease to 538 ft.

Thus, a reactor that gives safe operation for the flight crew will not present a radiation
hazard, due to overflight, to the general populace. Nuclear powered landing and takeoff will
pose no problem for the Westinghouse Reactor, but based on spherical divergence only, the

general populace must be removed three to five miles from the parking ramp for the KLM
Reactor.

These distances assumed that the air would not interact with the gamma rays. When
the distance traveled through air is a few hundred feet, this is not a bad assumption. When the
distance involves thousands of feet, this is no longer a valid assu mpfion. When the thickness
of the air is 4000 ft, the attenuation is greater than 10-4. This would make the dose rate
equivalent to that of Section 5.1.2.2. For this reason, 4000 ft is assumed to be the maximum
distance required for the general populace removal for the KLM Reactor.
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5.4 POTENTIAL WEIGHT SAVINGS

The nuclear powered aircraft does not have a viable payload using the basic reactor
systein weights when the aircraft is assumed to have sufficient fuel for takeoff and landing on
chemical fuel only, and a 1000 nm emergency cruise capability. Because a substantial portion
of the total aircraft weight is propulsion system weight, the propulsion systém. especially the
reactor, is a natural area of interest for attempted weight savings.

it was pointed out in Section 5.2.1 that increasing the core fuel density offered potential
weight savings. The WHTGR designs predict approximately 300,000 Ibs savings for a fuel
loading increase from 313 mg/cc to 400 mg/cc. However, the relationship is highly non-linear
since a further increase from 400 mg/cc to 500 mg/cc only saves approximately 70,000 Ibs.

Higher operating temperatures would be expected to yield weight savings; hoviever, the
limitation in this case is not in reactor technology, but rather in heat exchanger materials.

Thus, developments in metals technology must precede any increase in operating tempera-
tures. \

Since a substantial part of the reactor weight is in shielding material, and since thbre was
as much as 300,000 Ibs difference in shielding weights between the MHTGR and the WHTGR,
reduced shielding weights were investigated for potential weight savings.

Y
The two gas reactors considered in this section employ considerably different shielding
designs in that the MHTGR uses much less shielding in the radial direction than does the
WHTGR. Large weight savings are obtained, but at the expense of greatly increased radiation
levels (see Table 5.3.1-1). In addition to this consideration, the possibilities of saving weight by
maintaining large separation distances between the reactor and the crew and by increasing
the dose rate, but letting the crew fly less often, were considered.

5.4.1 SEPARATION DISTANCE: The aircraft design presented in Section 4 shows that a
separation of 200 ft between the crew and the reactor can be achieved. This separation allows
reduced shielding to maintain the dose rate at the maximum allowable value of 1.49 mrem/hr.

The radiation dose rates of Table 5.3-1 and Eq. 5.3.1.1-1 were used to determine the
separation required to achieve 1.49 mrem/hr for the basic reactor designs. This yields:

5 1/2
WHTGR: R = ( 5= ) (20) - 36.63 1

D — -1

2.2

MHTGR: R = ’1—39—-

1/2
)" (22) = 26.73 t

R = separation distance for 1.49 mrem/hr

By setting the radiation levels at these distances equal to the radiation level at 200 ft, new
values of shielding thickness can be so!ved for. In this analysis, shielding thickness in the
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radial direction was kept constant, and only the shielding in the direction of the crew was
raduced.

_ The equation for radiation density is given by (Ref. 49, p. 7-61):

| poSem(-m)

: 4 R2

3 l‘
S = point source strength

¢ = linear attenuation coefficient
R = distance from source

radiation density

i

1 Letting

Sexp(—uth _ Sexp(—pt)2
47 Ry? 4w R2?

(mt)2 - (uth = 2 In (Ry/R2)

The term (ut) is of the form !

(mt) = 12 (1)
nj = linear attenuation coefficient of the jth shielding material

tj = thickness of the jth shielding material

In this analysis, only the tungsten thickness was varied, so that:

pwtwz = pwtwr + 2 1n (R1/R2)
pw = linear attenuation coefficient for tungsten

tws = tungsten thickness for distance R
Twa2 = tungsten thickness for distance Rz

{ toe =t

2
we =ty * = In (R/R2)

Hw

i Using the value of s for tungsten and gamma rays at 1 Mev gives p = 1.263/crﬁ (Ref. 49, p.
.; 7-112), so that:
]

tws = tw, + 1.583 In (Rv/200)

WHTGR: t,,,, = 17.78 + 1.583 In (36.63/200) = 15.09 cm = 5.94 in.

MHTGR: t,,, = 27.86 + 1.583 In (26.73/200) = 24.67 cm = 9.71 in. !

‘ = B T ey e e |
In order to compute the weight savings for the WHTGR, it was necessary to model the

reactor geometry. A model that produces reasonable accuracy in predicting the weight is one

of concentric spheroidal shells. The spheroid volume is given by V = 4/3 = ABC, where A, B,

and C are dimensions as shown in Figure 5.4.1-1. In this case, B and C are equal dinensions.
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Applying this model to the WHTGR at 275 Mw(th) yields the values tabulated in Table 5.4.1-1,
and a total weight of 6.509 x 10% Ibs which is within 6% of the 6.16 x 10% Ibs predicted by
Westinghouse (Figure 5.2.1-4).

Vy= 4/3wABC

Figure 5.4.1-1. Spheroid Volume

TABLE 5.4.1-1.
WHTGR WEIGHT ESTIMATION FOR 275 MW(TH)

TOTAL SECTION SECTION SECTION
VOLUME VOLUME DENSITY WEIGNT
(IN.2) (IN.9) (LB/IN.9) (L8)

CONTAINMENT VESSEL 4.293 X 10¢ 2.520 X 108 0.3299 8.313 X 104
LITHIUM HYDRIDE 4.041 X 10¢ 1.185 X 10° 0.02801 3.391 X 10¢
ZIRCONIUM HYDRIDE 2.856 X 10¢ 1.639 X 10¢ 0.2027 3119 X 10%
HEAT EXCHANGER 1.317 X 10¢ 5.499 X 10* - 3.575 X 104
PRESSURE VESSEL. 7.621 X 108 3.970 X 104 0.3299 1.309 X 10¢
TUNGSTEN . 7.224 X 103 2.495 X 10 0.6973 1.739 X 10*
CORE 4.729 X 10
TOTAL €.509 X 10¢

.
. g e & cam@e Mmes s

The same model applied to the WHTGR at 700 mw(th) yields the values given in Table
5.4.1-2. Shielding reduction was then applied to this 700 Mw(th) model to assess the potential
weight savings. The weights for the reduced shielding model are given in Table 5.4.1-3. The
difference in weights between the two models is approximately 21,000 Ibs.
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TABLE 5.4.1-2,

WHTGR WEIGHT ESTIMATION FOR 700 mw(TH)

A B TOTAL SECTION | SECTION SECTION
VOLUME VOLUME | DENSITY WEIGHT
(IN) (IN) (IN.3) (N9 (LBAN.Y) (LB)
CONTAINMENT VESSEL | 136 116 7.665 X 108 | 3.710X 108 | 0.3299 1.223 X 10°
LITHIUM HYDRIDE 124 14 7204 X 100 | 1.799 X 10° | 0.02801 5.038 X 10¢
ZIRCONIUM ¥ YDRIDE 19 105 5495 X 10 | 2.510x10° | o0.2027 5.087 X 10°
HEAT EXCHANGER 88 90 2985 X 10¢ | 1.289 X 10¢ - 9.100 X 10¢
PRESSURE VESSEL 72 75 | 1696 X 10¢ | 6.800 X 10¢ | 0.3299 2.243 X 10¢
TUNGSTEN 7 74 1628 X 10¢ | 4.430X 10* | o0.6973 3.089 X 108
CORE (7] 66.5 1.185 X 10¢
TOTAL 1.104 X 104
TABLE 5.4.1-3.
WHTGR WEIGHT ESTIMATION FOR 700 mw(TH)
REDUCED SHIELDING
A 8 TOTAL SECTiC.. | SECTION SECTION
VOLUME VOLUME | DENSITY WEIGHT
(IN) (IN) (IN.9) (IN9) (LB/IN.Y) (LB)
CONTAINMENT VESSEL | 134.93 116 7.604 X 10° | 3.690 X 105 | 0.3299 1.217 X 108
LITHIUM HYDRIDE 132.93 14 7.236 X 10 | 1.790X 10° | 0.02801 5.013 X 10
ZIRCONIUM HYDRIDE | 117.93 105 5.446 X 10% | 2.497X10% | 0.2027 5.061 X 10°
HEAT EXCHANGER 06.93 90 2949 X 108 | 1.278 X 10 5 9.100 X 104
PRESSURE VESSEL 70.93 75 1671 X 10* | e.700 x 10¢ | 0.3299 2.210 X 104
TUNGSTEN 69.93 74 1.604 X 10* | 4.190X 108 | 0.6973 2.921 X 108
CORE 64.00 6.5 1.185 X 10

TOTAL 1:083 X 10°

The same approach was used for the MHTGR. The concentric right circular cylinder
model of Section 5.2.2.1 was used, aind the weights for the MHTGR at 700 mw(th) and with
reduced tungsten shielding are given in Table 5.4.1-4. This compares to the original weights
given in Table 5.2.2.1-2 to show a weight savings of approximately 10,000 Ibs.

5.4.2 CREW RATIO: The basic assumptions regarding crew duty were given in Section
5.1.2.1.1fthe number of crews were doubled so that they flew half as much, the dose rate could
be increased. Assuming a direct proportionality:

B o s ol e

Ds_ Ny
{ D2 N2

D = dose rate

N = number of crews
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TABLE 5.4.1-4,
MHTGR WEIGHT ESTIMATION FOR 700 Mw(TH)
REDUCED SHIELDING

TOTAL SECTION SECTION SECTION
RADIUS .| HEIGHT VOLUME VOLUME DENSITY WEIGHT
(IN.) (IN.) {(\N9) (INY) (LB/IN.3) (LB)

CORE 21.96 59.12 8.568 X 104 | 0.596 X 10¢ 0.07665 6.588 X 10°
voID 22.54 59.12 9.436 X 104 | 8.400 X 107 = —
REFLECTOR 27.54 59.12 1.408 X 10% | 4.644 X 10¢ 0.09062 4.208 X 10°
voID 29.03 69.70 1.845X 10% | 4.370 X 10* - -
PRESSURE VESSEL 3253 76.70 2.549X 10% | 7.040 X 104 0.3299 2.322 X 104
TUNGSTEN .77 96.12 5.268 X 10% | 2.719 X 108 0.6973 1.895 X 10*
LITHIUM HYDRIDE 69.37 224.08 3.307X 10 | 2.858 X 10¢ 0.92801 8.005 X 104
HEAT EXCHANGER 69.37 263.92 3.989 X 10 | 6.020 X 10% —_ 9.100 X 104
CONTAINMENT VESSEL | 71.37 267.92 4.207X 10* | 2.980 X 108 0.3299 9.831 X 104
TOTAL 4.928 X 10*

But, the dose rate ratio can also be expressed as:

D1 _ Sexp (—pt)
D2 Sexp (—aut)

(pt)2=(mt)y + In (D1/D2) = (mt)r + In (N4/N2)
Again, considering only the tungsten:
1
twz = twy t ;- In (N1/Nz2)

Letting Ny = 1 be the base as defined in Section 5.1.2.1, the number of crews (N2) required
to effect the same weight savings found in Section 5.4.1 can be found:

N2 = exp(-p(t2 - t1))
WHTGR: N2 = exp(-1.263(15.09 - 17.78)) = 29.88
MHTGR: N2 = exp (-1.263(24.67 - 27.86)) = 56.20

Thus, it is concluded that saving weight by increasing the number of available crews is not
a viable option.

5-27

e e




SECTION 6
ENGINES

6.0 INTRODUCTION

6.0.1 BACKGROUND: The usé of a nuclear power plant for aircraft propulsion is not a new
concept. One of the first studies in this area was the Lexington Project (LEXP-1) prepared for
the Atomic Energy Commission in 1948. A good review of that report and subsequent work
may by found in Armbruster (Ref. 8).

. This study uses some of the basic concepts previously employed but takes into account
the present state of the art and estimated furture capabilities.

Table 6.0.1-1 lists the symbols that will be used in this section.

TABLE 6.0.1-1 TABLE OF SYMBOLS

A AREA (FT?)
‘ c SPECIFIC HEAT OF PRESSURE (BTU/LB"R)
| F THRUST (LBF)
{ g PROPORTIONALITY CONSTANT (32.2 FT-LB/LB-SEC?)
: HP HORSEPOWER
e y-1 -
| ¥
m MASS FLOW RATE (LBM/SEC)
f P STATIC PRESSURE (LB/FT?)
; Py TOTAL PRESSURE (LB/FT?)
| ’ q HEAT ADDITION (BTU/LB)
i l R GAS CONSTANT, R, = 53.35 LB-FT/LBM"-R
r RADIUS (FT)
i o ' PRESSURE RATIO
i s ENTROPY (BTU/LBM)
i STATIC TEMPERATURE (°R)
' T, TOTAL TEMPERATURE (°R) )
: Tia OUTLET TEMPERATURE OF REGENERATOR
ON COMPRESSOR SIDE (°R)
[ T OUTLET TEMPERATURE OF REGENERATOR
ON TURBINE SIDE (‘R) -
Ve EXIT VELOCITY (FT/SEC)
Vo FLIGHT VELOCITY (FT/SEC)




TABLE 6.0.1-1. TABLE OF SYMBOLS (CONTINUED)

w WORK (BTU/LBM)
.- W WORK (BTU/SEC)
X = (rp)*
. TEMPERATURE RATIO OF TURBINE INLET TEMPERATURE
TO COMPRESSOR INLET TEMPERATURE ¢
. ALPHA, TOTAL CYCLE TEMPERATURE RATIO
B BETA, BYPASS RATIO
| X CHI, EXPANSION RATIO - rp" -1
! DELTA, PRESSURE RATIO Py, /P,
A DELTA, PERCENT DIFFERENCE
! ETA, EFFICIENCY
o RAM EFFICIENCY
! R REGENERATOR EFFECTIVENESS
i T THERMAL EFFICIENCY
t y GAMMA, RATIO OF SPECIFIC HEATS
it 0 THETA, TEMPERATURE RATIO, (T;, /Ty,)
I SUBSCRIPTS
% 12345¢ ENGINE STATION IDENTIFICATION
{i 0 AMBIENT CONDITIONS
}. ¢ COMPRESSOR, CORE
F FACE
1 FAN
| IDEAL
: n NET
i o SEA LEVEL STATIC
_ | t TURBINE
X x STATION
| p BYPASS
' SUPERSCRIPT
‘ ACTUAL ]
- 6.0.2 PROPULSION CONCEPTS: There are many engine concepts but the three most com- 5
. : mon, shown in Figure 6.0.2-1, are turboprop, turbofan, and turbojet.
[ The basic differences between these concepts may'be seen from the thrust equation:

.
e _ Mair
gross thrust = Fg = 3 V]
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where:

Wair = mass flow of air Lb/sec
Lb-ft
Lbg-sec?
Vj = increment of velooity added to W, by propulsive system

g = proportionality constant, 32.2

-y R

TURBOPROP

NOZZLE

COMPRESSORS

COMBUSTOR TURBINE

TURBOJET
e e

"FAN

Figure 6.0.2-1. Three Basic Engine Concepts
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In principle, then:
1) The turboprop accelerates a large amount of air through a small velocity increment.

2) The turbofan acceierates a medium amount of air through a medium velocity incre-
ment.

3) The turbojet accelerates a small amount of air through a large velocity increment.

This mass-velocity relatienship may be seen in Figure 6.0.2-2.

A TURBOPROP

A TURBOFAN

AMOUNT OF AIR - M

A TURBOJET

VELOCITY INCREMENT (Vi)

Figure 6.0.2-2. Comparison of Turboprop, Turbofan, and Turbojet
Air Mass-Velocity Relationship

6.0.3 SAFETY: The influence of safety considerations today as compared to those in 1948
(Ref. 8) have changed considerably and have thus changed design concepts and considera-
tions. The importance of safety is emphasized and discussed in Section 8.

6.0.4 STATE-OF-THE-ART ASSESSMENT: Recalling the thrust requirements presented in
Section 4, and the reactor size and weight relations in Section 5, along with the requirements
for a heat exchanger, a heuristic comparison of the three propulsion concepts is presented in
Table 6.0.4-1 which is based on References 84, 58; 31, p. 16-499; and 171.

6.0.5 NUCLEAR CYCLES: Two basic methods in which nuclear power may be used in the
engine are:

1) Open Cycle — The reactor is located within the engine and the air from the compressor
passes directly over the reactor and is then expanded over the turbine to the exhaust (Figure
6.0.5-1). 1 ]

2) Closed Cycle — A heat exchanger which contains a hot working fluid that passes
through the reactor is located in the engine. Air enters the engine and, after leaving the
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compressor, passes over the heat exchanger where energy is added and then expands over
the turbine and out the exhaust (Figure 6.0.5-2).

TABLE 6.0.4-1. STATE-OF-THE-ART ASSESSMENT OF PRESENT ENGINE CONCEPTS

PROPULSION :
CONCEPT PRESENT CAPABILITIES RISK
TURBOPROP | A. 30,000 LB THRUST AT VERY HIGH AS GEAR BOX
! SEA LEVEL TECHNOLOGY AND PRO-
it PELLER SIZE WOULD HAVE
f . MOST EFFICIENT CYCLE | TO BE INCREASED THREE-
! IN SPEED RANGE UP TO | FOLD TO PROVIDE THE
| 350 MPH REQUIRED THRUST.
!
*] TURBOJET . 35,000 LB THRUST MODERATE RISK BECAUSE |
i AT SEA LEVEL ENGINE CORE SIZE WOULD
HAVE TO INCREASE SIGNIFI- .
z' . HIGHEST SPECIFIC THRUST | CANTLY TO PROVIDE '
f IN SPEED REGIME OF NECESSARY THRUST. I ,
i 500-700 MPH I
i TURBOFAN . 51,000 LB THRUST LOWEST RISK BECAUSE ]
‘ AT SEA LEVEL OF AVAILABLE EXPERIENCE "
| WITH HIGH THRUST, HIGH
; . HIGHEST PROPULSIVE BYPASS ENGINES. LEAST
] EFFICIENCY IN SPEED AMOUNT OF ADAPTATION.
REGIME OF 500-700 MPH '

COMBUSTOR TURBINE

Figure 6.0.5-1. Open Cycie Air Turboprop
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TO REACTOR HEATING FLUID
FROM REACTOR

COMPRESSOR __ HEAT
Lt EXCHANGER COMBUSTOR 1 opine
FAN

Figure 6.0.5-2. Closed Cycle Turbofan

‘ 6.0.6 NUCLEAR POWERED ENGINE SYSTEM CONCEPTS: Three concepts were selected
| and an analysis of each system in terms of thrust, reactor requirements, and total system
weights was performed.

LooP

® 4 e asmmw. e o

g

Figure 6.0.6-1. Indirect Cycle, Heat Exchanger Turbofan Engine
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The first system will be called the indirect cycle, i.e., an open-closed cycle. Figure 6.0.6-1
shows a primary and a secondary heating loop. The primary loop (1-2) is located within the
reactor containment vessel; the secondary loop leaves the reactor from Station 3 and enters
the engine heat exchanger in Station 4. Air is heated between stations 4 and 5 and the heating
fluid returns to the reactor heat exchanger at Station 6. This is an indirect cycle because the

hot fluid is indirectly the working fluid of the engine whereas the air is the primary working
fluid for the engine. ° "9

Within this system concept there is the option of having either dual-mode or a dedicated
nuclear powered engine. The dual-mode engine offers the ability of operating on JP-4 fuel. A
brief heuristic comparison of these two engines is presented in Table 6.0.6-1.

TABLE 6.0.6-1. COMPARISON OF DEDICATED VS DUAL-MODE
NUCLEAR POWERED ENGINES

DEDICATED DUAL-MODE
WEIGHT/ENGINE BASE 6% HIGHER BECAUSE OF COMBUSTOR
WEIGHT AND INTERFACING.
THRUST/ENGINE BASE 3-4% LESS BECAUSE OF ADDITIONAL
PRESSURE LOSS IN COMBUSTOR.
RELIABILITY HIGHER LOWER
MAINTAINABILITY HIGHER LOWER BECAUSE OF THE ADDITIONAL

COMPLEXITY OF TWO SYSTEMS.

The second system concept, the direct cycle in which the helium primary working fluid is
expanded over the turbine, is depicted in Figure 6.0.6-2. As with the indirect cycle, there are
two coolant loops in this system. The primary loop is from Station 1 to 2, as shown-in Figure
6.0.6-1; the secondary goes from the secondary reactor heat exchanger at Station 3 (Figure
6.0.6-1) to Station 4, as shown in Figure 6.0.6-2, and is expanded over the turbine. The hot
helium then passes through a regenerator located within the engine and on to a heat rejection
heat exchanger. Helium returns to the compressor at Station 6, is compressed up to the
required system pressure, and leaves the compressor at Station 7 to return to the reactor heat
exchanger at Station 8. Work is extracted off the turbine to drive the compressor and the fan.

The third system is referred to as a two gas turbine generator or central turbine system.
Instead of a gas turbine generator in each engine with helium expanding over it as in the
second system concept, there are two gas turbine engines located adjacent to the reactor and
the power generated for driving the ducted fans is transmitted via shafts. These shafts are
contained within each wing and the horsepower required to drive the ducted fan is removed by
means of gears and transmission devices. These gears are also restricted by present state-of-
the-art as are the turboprop gears. Section 6.2.7 gives further details concerning the required
gear technology. Each turbine is part of a two loop coolant system which operates identically
to that for the independent turbine system. Figure 6.0.6-3 presents this system concept.
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Figure 6.0.6-2. Closed Loop Independent Turbine System with Helium Expanded Directly

Over the Turbine

N - -l'_RIMARTLO—OP— 1
I i
| 2
|
|
| REACTOR
| 1
| - / SECONDARY
Loop
b = i Al e
5
o // REGENERATOR
-~ TURBINE PUMP
SHAFT TO
DUCTED \
FANS

SHAFT FROM
. TURBINE
ff________

GEAR
BOX

Figure 6.0.6-3. Direct Cycle Central Turbine Ducted Fan

6-8




e

A summary outline of the three systems studied in this report is presented in Figure

6.0.6-4.
ENGINE SYSTEMS
b INDIRECT DIRECT CYCLE
, HEAT EXCHANGER GAS TURBINE
ENGINE GENERATOR

1 INDIVIDUAL ENGINE CENTRAL 2

| LIQUID METAL HELIUMGAS | GAS TURBINE TURBINE GAS
GENERATOR GENERATOR

1

1

1

preeey p—— REGENERATOR BRAVTON

i \aBE ooy ] CYCLE CYCLE

‘ y APPLICATION APPLICATION

1

|
| ; —  PARAMETERS %sngf':":s&?“ —{  PARAMETERS

|

i

v | TURBINE INLET TEMP | REGENERATOR EFFECTIVENESS
: L— ENGINE PRESSURE RATIO | REGENERATOR TEMPERATURES
| | PRESSURE LOSS L COMPRESSOR INLET TEMP
il L POWER EXTRACTION —— FAN PRESSURE RATIO
1 — CORE MASS FLOW L MASS FLOW OF HELIUM
" L BYPASS RATIO

|

Figure 6.0.6-4. Engine Systems Summary

The system described as the gas turbine generator-pump was a system studied for the
helium gas reactor using a regenerator cycle in order to drive the pump used to pump the

: helium in the primary and secondary coolant loops. This system is described more fully in
f Section 6.2.8.

6.0.7 DESIGN CONSTRAINTS: The constraints placed upon the three nuclear powered
engine concepts were driven primarily by:

1) reactor size
2) reactor temperatures
3) material limitations of heat exchangers

These limitations affect:

1) compressor outlet temperature

2) turbine inlet temperature

3) mass flow allowable through engine core
4) pressure losses

5) pumping power requirements
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Table 6.0.7-1 lists the design constraints for design operation at 30,000 ft and at a flight
speed of approximately 596 ft/sec. With these design constraints in mind, the problem was to
maximize the thrust for minimum system weight.

TABLE 6.0.7-1. DESIGN CONSTRAINTS

CONSTRAINT DEDICATED | DUAL-MODE | DIRECT DUCTED FAN
(2 TURBINE SYSTEM)
MASS FLOW OF AIR
THROUGH CORE
LB/SEC 200 200 N/A N/A

MASS FLOW OF AIR
THROUGH FAN
LB/SEC NL! NL? NL2 NL?
MASS FLOW OF
HELIUM OVER TURSB.

LB/SEC N/A BN/A 50-100 250-350
TURBINE INLET

TEMPERATURE R 1960 1960 2060 2060
COMPRESSOR OUTLET

TEMPERATURE R 1060 1060 600-1000 600-1000
PRESSURE LOSSES % 5-11 11-16 1-2 .5-2
PUMPING POWER * 500-1000 §00-1000 N/A3 N/A?

NL' - NO LIMITATION. WILL BE SHOWN TO BE A FUNCTION BYPASS RATIO AND
OTHER VARIABLE IN SECTION 6.2.

NL? - NOLIMITATION.IS A FUNCTION OF FAN PRESSURE RATIO AND WORK AVAIL-
ABLE TO THE FAN AND WILL BE DISCUSSED IN SECTION 6.2

N3 - NOT APPLICABLE AS THE PUMPING POWER IS INHERENTLY ENCOMPASSED
WITHIN THE SYSTEM DESIGN.

4 - PUMPING POWER IS THE HORSEPOWER REQUIRED TO PUMP THE COOLANT IN

THE SECONDARY LOOP.

The mass flow of air through the engine was selected based on tradeoffs between:
pressure loss the air experiences passing through the heat exchanger and corbustion
section; the heat exchanger size, weight, and packaging; and the thrust produced. Section
7.4.12 gives a more detailed account of this tradeoff.

The turbine inlet temperature limit was based on metallurgical and lifetime considera-
tions. A 10,000 hr heat exchanger lifetime can be achieved only by air side temperatures in the
1960°R to 2060°R range (Ref. 107). This study used the more conservative 1960°R for the base
engine and a sensitivity analysis of engine thrust to turbine inlet temperature was preformed
(Section 6.1.7).
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The compressor outlet temperaiure is driven by the amount of energy the heat exchanger
can provide, the amount of core air flow to be heaied, and the turbine inlet temperature. For a
given amount of available input energy and air flow, the turbine inlet temperature will decrease
as the compressor temperature decreases.

6.1 INDIRECT CYCLE

The indirect cycle or heat exchanger turbofan engine operates on the Brayton cycle. A
description of the Brayton cycle is discussed iri terms of atemperature-entropy (T-S) diagram.
The derivations of several of the optimum equations are presented in Appendix 6.2.

Recalling the input conditions for engine for operation at 30,000 ft:

1) Compressor outlet temperature Tts= 1060°R

2) Mass flow of air through engine core rhc = 200 Ib/sec

3) Turbine inlet temperature T4 = 1960°R

4) Horsepower required for pumping HP = 500-1000 hp/engine
5) Pressure loss in heat exchanger AP = 6-16%

Using these conditions the following parameters were variert to maximize the thrust:

1) Fan pressure ratio (HPfan)

2) Core pressure ratio (P Jcore)

3) Bypass ratio (f3)

A computer program titled Design Point Turbine Engine Performance Program (Ref. 192)
was used for the study of the indirect heat exchanger engine. The design point was chosen at
30.000 ft at flight speed of approximately Mach 0.6. The 30,000 ft altitude was chosen over a
lower one because of the compressor exit temperature requirements determine the number of
compressor stages and the engine compressor pressure ratio required. A simplified diagram
of the methodology used in this analysis and a simplified block diagram of the computer
program are presunted in Appendix 6.3.

6.1.1 CYCLE ANALYSIS: The processes of the Brayton cycle (simple cycle) are depicted in
the T-S diagram in Figure 6.1.1-1 and may be described as:

1-2 Compression (compressor process)
2-3 Heat addition

3-4 Expansion (turbine process)

4-1 Heat rejection (exhaust system)

The processes shown in Figure 6.1.1-1 are considered ideal because there is no accounting for
the efficiency of the processes. An ideal compression process occurs isentropicly, i.e., rever-
sible adiabatic. Also, the pressure ratio across the compressor equals the pressure ratio
across the turbine. The ideal cycle assumes no pressure loss while adding heat, i.e., the

6-11




|
H

- .

pressure at Station 3 equals the pressure at Station 2. With these in mind, the equations which

may be used for the ideal Brayton cycle are as follows.

1) Pressure ratio of the cycle

2) Overall cycle temperature ratio

2. Tt:!
Ttl
where: Tta = turbine inlet temperature

T;, = compressor inlet temperature
J) Ideal work of the compressor per pound of working fluid

w

c~ % (T, = Ty,

W

= k
¢=CpTh (=1
where k = (y — 1)/y

4) Heat supplied per pound
q=2¢Cp Tty — Tyy)
§) ldeal turbine work per pound

Wt=°th;.(“'r—1k—)
p

6) Net work or useful work

,Wn=wt'wc

: 1
Wa = 0p (Tyy = T (1 = —=—)

rpk
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(6.1.1-4)
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7) Thermal efficiency for ideal engine

"thi=1"(r1_k')

(6.1.1-7)
p
AT
i
; 3
T 2
TURBINE
‘l
COMPRESSOR
1
s

Figure 6.1.1-1. T-S Diagram of Ideal Brayton Cycle

Since optimum pressure ratios and cycle temperatures for maximum net work and
thermal efficiency were desired, Eqs. 6.1.1-1 through 6.1.1-8 were used in maximizing net work
and thermal efficiency by taking the derivatives of each with respect to pressure ratio and
temperatures and setting the result equal to zero. The complete derivation is shown in
Appendix 6.2. The results are given by Egs. 6.1.1-9 through 6.1.1-12,

8) Net work for a non-ideal cycle

Wt=ctha"t(1 "—l—)

i
T (6.1.1-8)
c
1 Pt K
Wn=°th3"t(1_ k)— (rp -1)
r e
. p
9) Optimum pressure ratio for max net work (non-ideal cycle)
.
o 2k
"ow = (@ My ) (6.1.1-9)
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10) Conipressor outlet temperature for maximum net work given Ty, and Ty,

Ty, = (T, Tyy) 2 (6.1.1-10)

11) Optimum pressure ratio corresponding to maximum efficiency

1

_(b-VbT=%as¢ 2k
0 max = ( 7a ) (6.1.1-11)
where: a-= ("t -1HZ +1
b=29n+2
c=(0 -nJn + e mZ12
12) Thermal efficiency with compressor and turbine efficiency
1 1
mz( —)—(-) - X- )
M = 5 LS (6.1.1-12)
PR = )
Ne
where:
X =rK

p

To give the reader a better understanding of the relationship between the T-S diagrar:iand
the actual engine, Figure 6.1.1-2 illustrates both, with the stations on each identically num-
bered. A general comparison will be given by explaining the working process as it moves
simultaneously through each illustration. This will be followed by a description of each station
along with the essential equations and their results.

The pressure rise from 1to 2 is a result of ram pressure rise. The fan compresses the total
airflow, 2t0 2.5. The compressor further compresses the core (gas generator) air from2.5t0 3.
Heat is added between 3 and 4, at approximately constant pressure. The high temperature,
high pressure gas is expanded over the turbine which produces work required by the fan and
compressor. The nozzle converts the remaining enthalpy energy of the core gas flow and the

enthalpy energy of the bypass into thrust. Station e will correspond to station ef if subcritical
nozzle flow exists.

For the study of a turbofan engine studied in this section, the stations corresponding to
Figure 6.1.1-2 are:

1) Station 1 —defined by altitude conditions at 30,000 ft; Ty, = 412°R, Py, = 629.7 pst.

2) Station 2 — From Hesse and Mumford (Ref. 69, p. 103), an inlet recovery factor

was obtained from Figure 5.3 for temperature and pressure such that Ty, = 442°R and Py, =
722.9 psl.
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3) Station 3 — The compressor outlet temperature Tta = 1060°R. The compression
ratio needed to arrive at this temperature will consist of that produced by the fan (Station 2 to
2.5) coupled with the pressure ratio across the high pressure compressor (HPC) (Station 2.5 to
3). At this point the following assumptions were made: the turbine and compressor efficien-
cies (Ny, No) were assumed to be, respectively, 0.9 and 0.88. These are present state-of-the-art
figures considered reasonable by several authors including Hosney (Ref. 77), Robson (Ref.
149), Vincent (Ref. 186), and Hesse (Ref. 69). Allowing for the inefficiency of the compressor
which will raise the compressor outlet temperature above that for an equivalent isentropic
compression ratio, gives the required engine pressure ratio (at 30,000 ft) to be:

o required = 16-8
However, recalling Eq. 6.1.1-9 that the optimum pressure ratio for maximum net work:
1
T -
ta
o wn max = ( Tt. M Me )2k
1

rp wn max = 10.19

where y is the ratio of specific heat and at 1060°R = 1.4.

1 225 3 4 & .

hT

Figure 6.1.1-2, T-S Diagram of Brayton Cycle for Turbofan Engine
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Which says the engine is operating approximately 65% above optimum pressure ratio for
maximum net work. Using Eq. 6.1.1-12, it may be seen that

Mhi = 055
for the actual case, i.e. where Rp = 16.8, but that

for the case of optimum pressure ratio for maximum net work.

4) Station 4 — T,, = 1960°R. The temperature was established by the material
limitations of the heat exchanger discussed in Section 6.0.

5) Station 5 — The temperature and pressure at the turbine exit are dependent upon
pressure drop across the high pressure turbine and the pressure drop required across the fan
turbine. From the procedures outlined in Hesse (Ref. 69, p. 265-272) the turbine exit tempera-
ture is calculated to be Ty, = 1288°R and the exit temperature = 1073°R. A sample calculation
for the turbofan engine is presented in Appendix 6.4.

6.1.2 OVERALL ENGINE PRESSURE RATIO (Rp): The overall engine pressure ratio is made
up by two components:

1) the fan pressure ratio Rpfan

2) high pressure compressor pressure ratio RpHPC

It was pointed out in the previous section that the overall engine pressure ratio must be
16.8 at the cruise design point, which must be obtained through some combination of R ¢ and
Rpc. Presently high bypass ratio engines deliver 75-85% of their thrust by the fan and typical
fan pressure ratios vary from 1.2 - 1.8. There are higher fan pressure ratios and a recent study
by NASA for a fan pressure ratio of 2.8 may be found in Reference 144. For various size engines
the fan pressure ratio was varied from 1.2 - 2.0. The high pressure compressor (HPC) pressure
ratio was varied from 8.0 - 14.0, giving a range for overall pressure ratio of 9.6 to 28.0, in order
to test the sensitivity of thrust to Rp. For a lower pressure ratio, the reactor must provide more
energy, and for higher pressure ratios it must provide less heating energy per pound of flow.
Figure 6.1.2-1 is an example of the analysis for bypass ratio 8 = 4.0. The cases for 8 = 6.5& 8.0
may be found in Appendix 6.5. In this portion of the study, cases were also run where the fan tip
would produce a higher pressure ratio than the fan hub. It was found that, for some cases, the
net thrust was higher than if the fan were equally loadt J throughout the span.

6.1.3 BYPASS RATIO (f3): The bypass ratio is the rate of the amount of air passing through the
bypass channel (m g) to thatair which passes through the core of the engine (it ). Because the
core flow is 200 Ib/sec the total mass flow into the engine (M) and must be varied
simultaneously. These two parameters establish the size of the engine. For this analysis the
bypass ratio was varied from 4.0 to 11.0 which gives a total mass flow variation of 1000 to 2400
Ib air/sec. For each g the fan and HPC pressure ratios were varied with the results as pointed
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out in Section 6.1.2. By using the thrust from Figure 6.1.2-1 and corresponding figures for
different bypass ratios (See Appendix 6.5), an overall engine pressure ratio of 16.8, as deter-
mined in Section 6.1.1, Figure 6.1.3-1 was compiled. Thus, for a given fan pressure ratio an
optimum engine can be obtained. For example, for a fan pressure ratio of 1.4 the maximum

thrust would be 15,800 Ibs with a corresponding bypass ratio of approximately 7.0 (Figure

6.1.3-1).
16
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-
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w
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z 12
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-
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z .
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1
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- | p=a0
10
12 14 16 18 20 22 24
OVER ALL ENGINE PRESSURE RATIO (r,)

Figure 6.1.2-1. Comparison of Thrust for Various Overall Engine Pressure Ratios and Fan

Pressure Ratio for Bypass Ratio = 4.0 and a Core Mass of 200 Ib/sec
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Figure 6.1.3-1. Comparison of Net Thrust for Various Bypass Ratios Having an Overall
Engine Pressure Ratio = 16.8 and Core Mass Flow of Air = 200 Ib/sec

6.1.4 HORSEPOWER REQUIREMENTS: The horsepower requirements for the system are
divided into three main areas:

1) auxiliary power for the aircraft 100-300 hp/engine

2) power required to operate pumps located in the primary coolant loops, 4000 - 23,000
hp (liquid metal - helium gas)

3) power required to operate pumps in the secondary coolant loops, 150 - 1000 hp/engine
(liquid metal - helium gas).

One of the reasons for the high horsepower requirements for the helium system is a result
of high pressure losses encountered in the reactor and heat exchangers (Ref. 176). Section 7.5
discusses the working fluid circulation with respect to the heat transfer system. Two possible
means of providing this pumping power are: (1) Extraction of horsepower off the engines; and
(2) Use of a direct drive gas generator turbine-pump system.
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Program CARPET (Ref. 192) was used to evaluate the relationship for horsepower extrac-
tion to drive the pumps to that of the net thrust produced. The analysis was performed for
various bypass ratios and fan pressure ratios at design altitude and with an overall engine
pressure ratio of 16.8. Figure 6.1.4-1 illustrates the effects of horsepower extraction for a
bypass ratio (8) of 4.0. The data for 8 = 6.5 and 8.0 are located in Appendix A.6.5. Using 500 hp
extraction as the requirement fora liquid metal heat exchanger turbofan engine, the net thrust
for various bypass ratios at design altitude are presented in Figure 6.1.4-2. Using the same 1.4
fan pressure ratio example as used in Section 6.1.3, notice that the net thrust has now dropped
to 14,100 ibs with a bypass ratio of 5.5.

15
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\

14 A\
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-
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- 12 <
] FAN PRESSURE RATIO
[ 4
I
=
=
w
z n

m, = 200 Lb/sec
$=4.0
10 rp =168 \

Ap=11%

2 6 10 14 18 20

HORSEPOWER EXTRACTED X 102

Figure 6.1.4-1. Net Thrust as a Function of Horsepower Extracted Off the Engine for Various
Fan Pressure Ratios; Bypass Ratio = 4.0 with an Overall Engine Pressure Ratioof16.8 and a
Core Mass Flow of 200 Ib/sec

The use of a direct drive turbine-pump system would alleviate the horsepower extraction
requirement on the engines of the helium gas heat exchanger turbofan engine. This would
allow a 20% to 24% increase in thrust. A detailed.discussion of the turbine-pump system is

presented in Section 6.2.8, along with alternative combinations of meeting horsepower re-
quirements.
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6.1.5 PRESSURE LOSSES (AP): It was found that the pressure losses of air increased
significantly as the mass flow got above 200 Ib air/sec. (This is discussed further in Section 7.)
The pressure loss through the heat exchanger is estimated as approximately 6% (Section
7.1.12). If the dual mode concept is used, then there will be an additional pressure loss (Refs.
77, p. 253; 47), due to the combustor region, in the order of 4 to 6%. For this analysis, 6%
pressure loss was assumed for a dedicated nuclear engine and 11% pressure loss was
assumed for the dual mode engine. Figure 6.1.5-1 presents an example of the effects of
pressure loss for # = 4.0 and fan pressure ratio = 1.6. For this particular engine the loss in”
thrust is approximately 86 Ibs per percent increase in pressure loss.

4

15.5 <
N

™
o
- 150 AN
X
3 \
-
&
W
. \
g
o 8§
: 14.5 -~
= M = 200 Lb /sec N
w c \
2 =40
'pf = 1.4
14.0
2 6 10 14 18 22

PERCENT PRESSURE LOSS

Figure 6.1.5-1. Pressure Loss Effects of Net Thrust Where Bypass Ratio = 4.0, Overall
Engine Pressure Ratio = 16.8, Fan Pressure Ratio = 1.6, and Core Mass Flow is 200 Ib/sec

6.1.6 CORE MASS FLOW (riry): Variations in core mass flow can greatly affect the net thrust.
There are two reasons for this. One is because the increase in core flow increases the amount
ol net work available to drive the fan, as may be seen from Eq. 6.1.1-8:

Wn=':“ccp[.rt4"t(1 ——)—-——(X » 1)]

Second, it contributes directly to the net thrust equation as an increase of the core mass tlow
which is exiting at a high velocity (See Appendix 6.4).

One case was evaluated where the total mass flow was 1000 Ib air/sec. Figure 6.1.6-1

compares the cases for me, = 200 Ib air/sec and me, = 250 Ib air/sec where the pressure loss
for both engines was 11%. Figure 6.1.6-2 shows how this engine can easily handle horsepower
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requirements at 11% AP. Figure 6.1.6-3 depicts the effect of pressure loss increases for a
higher mass flow engine.
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Figure 6.1.6-1. Comparison of Increased Mass Flow o'l Air Through the Core on Net Thrust
for Various Fan Loading and Overall Engine Pressure Ratios, with Bypass Ratio = 4.0

The CF6-50 or the JT9D-7 engines are presertly‘ designed to handle a mass flow of
approximately 110 to 150 Ib air/sec at 30,000 ft (Refs. 171 and 60). This points out one

disadvantage of increasing the mass flow to 250 Ib air/sec, in that the core size would have to
be 1.67 to 2.3 times today's largest engine core.
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Figure 6.1.6-2. Effect of Horsepower Extraction on Net Thrust Where Bypass Ratio = 3.0,
Core Mass Flow is 250 -Ib/sec, and Overall Engine Pressure Ratio is 16.8

6.1.7 TURBINE (T{,) AND BYPASS STREAM (T o) TEMPERATURES: It can be seen from Eq.
6.1.1-5 that turbine work is proportional to the turbine inlet temperature, T,,. Similarly, Eq.
6.1.1-8 shows that the net work is equal to the turbine work minus the compressor work. Thus,
{ increasing the turbine inlet temperature will have a proportionate effect on the amount of net
i work available and, thus, the thrust. With this thought in mind, a sensitivity analysis was
‘ performed to show the variation in the net thrust for an increase or decrease in turbine inlet
temperature. The results of the analysis for one particular engine are presented in Figure
6.1.7-1, However, there are no projections for increasing the turbine inlet temperature above
* the 1960°R for a heat exchanger engine. To put these temperatures in perspective to JP-4
engines, the CF6-50C has a turbine inlet temperature of 2410°R (Ref. 60, p. 14). !

v = e ceme. Mmoo
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Figure 6.1.6-3. Pressure Loss Effects on High Core Mass Flow Engine Thrust with Overall
Engine Pressure Ratio = 16.8, Bypass Ratio = 3.0 (c'n‘= = 250 Ib/sec), 4.0 (r‘nc = 200 Ib/sec)

A preliminary investigation was performed in terms of a cycle analysis with respect to
heating the air stream in the bypass. The temperature was increased from 2 to 32%, depending
on the base temperature which is established by the fan pressure ratio. These percentage
increases gave an exit temperature range of 520 to 620°R. The pressure loss was assumed for
this analysis to be on the order of 5 to 10%. Figure 6.1.7-2 shows the interrelationship between
percent change in net thrust and percent change in bypass air temperature (Tef) for two
bypass ratios and fan pressure ratios. It can be seen from this figure that a larger percent heat
addition is required than the percent of pressure drop in the system. The higher the fan
pressure ratio, the less heat addition required to get an increase in thrust. Regarding bypass
ratio (f3), Figure 6.7.1-2 shows that as f} increases, a larger percent increase in net thrust is
obtainable for the same percent increases in bypass air temperature; however, it must be kept
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in mind that any energy putinto the bypass air will require the reactor to be larger so long as Ty,
is to remain constant at 1960°R. In order to add this energy. it may be required to build heavy,

bulky heat exchangers which might increase the pressure drop in the bypass stream above
5%. . 5

lll

NET THRUST F, Lby X 10°

12

1800 1900 2000 2100

TURBINE INLET TEMPERATURE T,, o°R

Figure 6.1.7-1. Turbine Inlet Temperature Effects on Thrust Where Bypass Ratio = 4.0, Fan
Pressure Ratio = 1.4, and Overall Engine Pressure Ratio is 16.8

6.1.8 ENGINE SIZING: One of the relationships used in sizing an engine is the ratio of weight
flow to unit frontal area:

. \/—

o

3

P2

where # and & are correction factors for the temperature and pressure differences between a
given station x and sea level static conditions. They are given by @ equals temperature at
station x divided by standard day sea level temperature and & equals the pressurc at station x
divided by the standard day sea level pressure. Johnson, in NASA SP-36 (Ref. 85, p. 22b),
derives an equation for this ratio which relates it to Mach number. Figure 6.1.8-1 is taken from
Johnson's study.
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Figure 6.1.8-1. Mass Flow per Unit Frontal Area as a Function of Mach Number and
Hub-Tip hadius

Usingdata from Keenan and Kayes (Ref. 88) for temperatures and pressures and at 30,000
ft, Mach = 0.6, the following calculations were made:

PIP, = 0784 T/T,=09328 P =6291b/ft2 T=412R

629 412 \1'/2
& =0.784 = 0.38 Ve = ( 0.9320 = 0.92
2110 519

1) Inlet: ry/r, = 0.0

= 0.0576 (6.1.8-)

2) Fan: assume 'h"t = 0.4 and M = 0.3 at the fan. And assuming 100% recovery and
using isentropic relationships

6 = 0.53 Vv 6 = 0.933

 (0.933) : (6.1.8-2)
m 5
= =220 = 0.0799 m
F 05322

3) Compressor: using M = 0.4 and rp/r, = 0.4

Wy e

Xt %




Ag = 116 mg (6.1.8-3)

4) Turbine: assume ry,/r, = 0.6 and M = 0.6

( mv e . *
A VY ' A
Ft f 1 Ft 7/ .
el — = =l ___48 => A_, = 0.056m
A Ao P T > A, T2 275 = B0B6 L._
As & | gy s (6.1.8-4) "

The mass flow of the enginé core for the turbofan engine with a bypass ratio (8) is given by

v rhTOTAL |
Figure 6.1.8-2 shows the effect of increasing the total mass flow of air through the fan on

the diameter. For the set amount of 200 1b air/sec through the core, then:

1) area of the compressor face = 23.2 sq ft or 5.43 ft diameter
2) area of the turbine face = 11.2 sq ft or 3.78 ft diameter

16
|

'hub/'tip =4

1

! M=0.6

l‘ ALT = 30,000 ft /
|

i

FAN DIAMETER (FEET)

600 1000

1400 1800

2200

TOTAL MASS FLOW OF AIR INTO THE ENGINE LB/SEC

mn I | I 1 I
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Figure 6.1.8-2. Functional Relationship Between Mass Flow and Fan Diameter
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The weight estimate of the turbofan engine is based on a least squares fit on 27 types of
turbofan engines. The engines were those of Pratt and Whitney and General Electric, with and
without afterburners (AB). The least squares fit of the data are presented in Figure 6.1.8-3. The
equation tor that line is

engine weight = exp [ In (engine ?lz.gsthrust) + 0.889 ] (6.1.8-5)

Note: the engine thrust is the rated sea level static thrust of the engine. Instead of using the
equation to estimate the weight a gnod first approximation would be to use a 5.5:1 thrust to
i weight ratio for high bypass, (f8 = 4.0), high thrust (FN = 30,000) turbofan engines. For smaller
engines a first approximation would be 4.5:1. These estimates do not include thrust reversers,
which on the CF6-50 engine weight approximately 2000 lbs (Ref. 60, p. 26).
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Figure 6.1.8-3. Sea Level Static Thrust to Weight Relationship
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For the enginein this study, the derived equation was used to estimate the basic weight of
the engine, not including the heat exchanger or thrust reversers. In estimating the weight of
the dedicated nuclear engine, approximately 5% of the basic weight is taken off to account for
the combustor weight (Ref. 47). The thrust used in the equation is based on the estimated
thrust that an equivalent JP-4 engine at sea level could produce. For the engine with a bypass
ratio = 4.0 and a total mass flow of 2600 Ib/sec air at sea level, the estimated thrust for a JP-4
engine of the same size is approximately 100,000 Ib. This gives the base engine weight used in
this study as 14,400 Ibs for a dual-mode engine.

6.1.9 OFF-DESIGN CONSIDERATIONS: The uniqueness of this problem cannot be overem-
phasized, in that a standard JP-4 enaine can increase the working capability of its turbine to
meet the increasing work requirements of the engine as the aircraft descends in altitude. It
meets this requirement primarily by adding more fuel to increase the turbine inlet temperature
(See Eq. 6.1.1-5). The increase in work requirement is a result of the increasing mass flow into
the engine (as a result of increasing density) as well as increasing pressure and temperature at

MACH NUMBER
s

\

10 20 30

MASS FLOW OF AIR X 10° LB/SEC

ALTITUDE FT. X 10°

Figure 6.1.9-1. Marh Number and Inlet Air Mass Flow for Various Altitudes Based on Bypass
Ratio = 4.0 at 30,000 ft and Core Mass Flow of 200 Ib/sec
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the inlet. The work increase can be seen by consideringEqs.6.1.1-3and 6.1.1-6. Eq. 6.1.1-6 can
be also written as

m.c.7T
M 'ty Kk
We = ——2 [y K-1)
Ne
3 T {6.1.1-6(a])
mg C P
. Ne

However, for the nuclear engine, the working medium is limited because of pressure
losses and energy input limitations. For the nuclear engine, the fan work, given by Eq. 6.2.1-6,
increases by decreasing altitude as the mass flow has doubled by the time you get to sea level,
and the temperature Ty, hasundergone a 30% increase as well. On the other hand, themass
flow through the engine core is kept constant so the high pressure compressor (HPC) work

INPUT:

ALTITUDE
> MACH NUMBER !

BYPASS RATIO

AIR MASS FLOW

FAN PRESSURE RATIO

k!

CALCULATE NET THRUST

-

IS FAN PRESSURE
RATIO =10
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THRUST 13,000

DECREASE FAN i
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BY .05 . -
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INPUT PARAMETERS

¥ Am s e e b e

IS THE
ALTITUDE = 0.0
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-1 STOP g

Figure 6.1.9-2. Off-Design Method of Analysis
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rernains approximately constant, exempting the effect of temperature. in the turbine however,
as depicted by Eq. 6.1.1-5:

-

. 1
wt=mc°thc““'_k]
f

rhc and T, remain constant and thus the work available to the engine is constant. With thisin .
mind and remembering that the program which was used, CARPET (Ref. 192), is a point design
program, the following procedure was employed in the off-design analysis:

Bl e e

; 1) Corrected airflows for various altitudes were estimated as presented in Figure
'6.1.9-1. The method used for inlet mass flow determination is the same as that presented in
Engine Sizing. Figure 6.1.9-2 shows a block diagram of the process used where 13,000 lbs
thrust was set as a minimum required net thrust/engine to keep the aircraft in the air. The data,
as presented in Figure 6.1.9-3, show some thrust outputs for several altitudes. These are not
optimum thrust values for each altitude but were generated only to establish some limits on
engine requirements.

ALTITUDE FT. X 103

__annaml
Mc = 200 l‘.)h A
TM = 1960" R
U35 12:1

e 4 mm mame. e o

_VFIO 12 14 16

NET THRUST F,, Lby X 10°

Figure 6.1.9-3. Thrust vs Altitude for Off-Design Analysis
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It was found that the fan pressure ratio must vary from 1.4 to 1.15, i.e., it would require
a variable pitch fan. The variable pitch fan on a high bypass high thrust engine has not been
built but is presently under investigation by General Electric (Ref. 115). The bypass ratio must
also vary from 4.0 to 11.0. The bypass ratio may actually be varied by a controllable core
exhaust nozzle. Using engine sizing techniques it was estimated that the turbine nozzle
diameter would have to vary by approximately 30% to change the bypass ratio as desired.
Variable exit nozzles are used today, and a 30% variation is not beyond the capability of today's
technology (Ref. 138).

6.1.10 RESULTS AND RECOMMENDATIONS: The interrelationship between the engine
parameters studied in this section and their effects on net thrust are presented in Figure
6.1.10-1 and Figure 6.1.10-2 for the base engine which is defined by the following:

1) Total mass flow (ryq4). 1000 Ib/sec
2) Bypass ratio (f§), 4.0, this gives core mass flow (rhc) of 200 Ib/sec

3) Power extraction, 100 HP
4) Total pressure loss in engine core prior to turbine (AP), 11%

! 5) Turbine inlet temperature (T, ), 1960°R

6) Overall engine pressure ratio (rp). 16.8:1

7) Fan pressure ratio (rpf). 1.4:1
8) Net thrust (F), 14,580 Ibs

These figures are representative relationships for larger bypass ratio engines which
maintain a constant core mass flow (fhc) of 200 Ib air/sec, i.e., these figures illustrate general
trends between enqgine parameters and net thrust.

Figure 6.1.10-1 presents two important observations. First, there is a fan pressure ratio for
a given bypass ratio which predicts the maximum net thrust possible for that engine. For the
base engine, this optimum fan pressure ratio is 1.6. Second, it emphasizes the importance of
turbine inlel temperature as this parameter provides the largest percentincreasein thrust fora
given percent increase in a single parameter.

Figure 6.1.10-2 emphasizes three points. First, increasing horsepower extraction re-
quirements for other than the fan reduces the net thrust significantly, and this relationship is |
sensitive to the fan pressure ratio. Second it should be pointed out that the curve for core mass |
liow is based on 11% pressure loss which implies that for rhc = 250 Lb/sec, it is strictly a
dedicated nuclear engine (Section 6.1.6). In order to evaluate the increase in net thrust for
increased mass flow the rhc = 200 Lb/sec and AP = 6% should be compared to rhc = 250
Lb/sec and AP = 11%. Using this argument the increase in net thrust is 15.5%. The third point
| is that decreasing the overall engine pressure ratio increases thrust at the expense of increas- 4
' ing reactor power requirements provided one is to maintain the turbine inlet temperature at

1960'R.

B s eeme. e e

Table 6.1.10-2 summarizes the percent effects of these parameters for the base engine.
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{ Figure 6.1.10-1. Effects of Three Engine Parameters on Net Thrust

i The first design parameter set for the liquid metal system engine was the fan pressure
4 ratio. From Figure 6.1.4-2, the reader can see that the 1.4 fan pressure ratio gives the highest
3 thrust, 14,250 Ibs. The maximum point of the curve also sets the bypass ratio at 5.5. Entering
the graph inFigure 6.1.8-2with the bypass ratio of 5.5 results in a fan diameter of 11.3 feet. Eq.
6.1.8-8 used with the thrust yields a basic weight of 14,000 Ibs. The weight was scaled upward
for an engine with a bypass ratio of 5.5 in the following manner:

§¢ Basic weight 14,400
: -10% Cowling 1,440
Engine wt without Cowling: 12,960
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Figure 6.1.10-2. Effects of Three Engine Parameters on Net Thrust

Scn'2 factor for cowling of 1.25 base on area ratio of 5.5 to 4.0 bypass ratio engines. New
cowling weight = 1800 Ibs. The scale factor for the fan = 1.11, which is based on ratio of fan
diameters. This yields a fan weight of 1595. Thus the total engine weight is 16,400 Ibs,
including the combustor. Subtracting 5% of the basic engine weight from this total gives a
dedicated nuclear eng'ine of 5.5 bypass ratio of 15,600 Ibs.

Table 6.1.10-1 presents a summary of engine design parameters. The engines shown here

have the thrust necessary to power a 2,000,000 Ib aircraft cruising at Mach 0.6 at 30,000 ft. The
data are presented for the dua! mode and dedicated nuclear engines using either helium gas

6-34




or liquid metal in the heat exchangers. Not thal the difference between those two systems is

the horsepower pumping requirement of 1300 hp/eng for the helium loop vs 500 hp/eng for the
liquid metal system.

TABLE 6.1.10-1. EFFECTS OF ENGINE PARAMETER VARIATION ON THE NET THRUST . l
OF THE HEAT EXCHANGER TURBOFAN ENGINE

BASE ENGINE: TOTAL MASS FLOW, 1000 LB/SEC; OVERALL ENGINE PRESSURE RATIO,

16.8; TURBINE INLET TEMPERATURE, 1960°R; POWER EXTRACTION, 100;
HP PRESSURE LOSS, 11%

'3 NET THRUST | % CHANGE IN
i PARAMETER RANGE % CHANGE RANGE (10°) | NET THRUST
FAN PRESSURE
1' RATIO 1.2-1.6 333 13.1-15 +14.50
i POWER EXTRACTION
i (HORSEPOWER) 100-1000 900 14.6-13.8 5.5
-*
1 PRESSURE LOSS (%) 6-16 167 14.9-14.2 -4.7 f
1 CORE MASS FLOW
; (LB/SEC) 200-500 25 14.5-17.2 +18.6
.1 TURBINE INLET i
E TEMPERATURE (R) 1860-2060 10.8 13.1-15.8 +20.6 '~.
it FAN TIP
i PRESSURE RATIO 1.4-1.5 7.1 14.6-15.0 +2.74
OVERALL PRESSURE
i RATIO 15-18 80 14.9-13.5 -8.8
} 4
‘ |; Based upon the analysis of this system concept of using a heat exchanger inside a
turbofan engine for heating up the working medium (air) the following recommendations are:

1) Further investigation should be made into heat exchanger design with regard to

lowering the engine pressure loss so that higher core mass flows can be used with the end
results of greater thrust.

Byt e i e oSl 2o

4 2) The possibility of heating up the bypass flow would increase the thrust signifi-
j cantly provided the pressure losses due to heat exchanger interferences are small. A more

detailed study of the flow passage and the heat exchanger air interfacing would have to be
f accomplished to determine the potential increase in thrust from bypass heating.

3) Improve the material limitations of the heat exchanger in order to increase the "
turbine inlet temperature.
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TABLE 6.1.10-2. SUMMARY OF ENGINE DESIGN PARAMETERS

DUAL
HELIUM ENGINE (1300 HP), MODE DEDICATED
BYPASS RATIO 4 4
PRESSURE LOSS (%) 1 6
FAN PRESSURE RATIO 1.4 1.4
NET THRUST (LB) 12,100 12,600
DIAMETER (FT) 10.1 ‘ 10.1
WEIGHT (LBS) 14,400 13,700
NUMBER ENGINES REQ (2 MIL) 1.4 10.95
THRUST/MEGAWATT 254 265
LIQUID METAL ENGINE (500 HP)
BYPASS RATIO 5.5 55
PRESSURE LOSS (%) 1" 6
FAN PRESSURE RATIO 14 14
NET THRUST (LB) 14,250 14,750
DIAMETER (FT) 11.3 1.3
WEIGHT (LBS) 16,400 15,600
NUMBER ENGINES REQ (2 MIL) 9.68 9.36
THRUST/MEGAWATT 300 310

6.2 DIRECT CYCLE

Two system concepts considered use the direct or clused cycle. Both employ helium gas
expanded over a turbine. In one case, each fan is driven by a gas turbine, i.e., each is aducted
engine (Figure 6.0.6-2). The other system concept employs two gas turbine engines centrally
located around the reactor (Figure 6.0.6-3). Power is extracted from these engines by long
shafts going out to gear boxes in the wings which transmit the power to the ducted fans.

The direct ~ycle can employ either the Brayton cycle as discussed in Section 6.1.2 or the
regenerative cycle which will be discussed in this section.

A computer program was written to determine the thrust for the ducted fan engine. A flow
diagram of the computer program is presented in Appendix A.6.6.

The flight conditions were the same as those used for the indirect cycle engine.

6.2.1 REGENERATIVE CYCLE: The regenerative cycle depicted in Figure 6.2.1-1 isa cycle in
which a heat exchanger is used to recover heat from the gas leaving the turbine and to deliver
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it to the gas leaving the compressor. The processes depicted in the T-S diagram may be
described as:

1-2 Isentropic compression (compressor process)
2-a Heat exchange (regenerator)

a-3 Heat addition (reactor heat exchanger)

3-4 Expansion (turbine process)

4-b Heat exchange (regenerator)

b-1 Heat rejection (rejection heat exchanger)

QREJECTED

COMPRESSOR

_

S

Figure 6.2.1-1. Regenerative Cycle

A schematic diagram of the regenerative cycle is presented in Figure 6.2.1-2, with number-
ing scheme corresponding to the T-S diagram. This cycle is designed to improve the economy
of the turbine plant by reducing the energy input requirements of the fuel (reactor). The
equations used in the analysis of this cycle are presented below. Several of the equations are

derived in Appendix A.6.7.

1) Station 1. Compressor inlet temperature (Th) is dependent upon the amount of
heat that the system can reject.
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Figure 6.2.1-2. Schematic of Regenerative System
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2) Station 2. Compressor outlet temperature (Ty,) may be found from:

l' Py, ideal (6.2.1-1)
{
It L SPST (6.2.1-2)
! tz' = [ c == ] h . s
: e
The compressor work is given by:
i Ci Ty
; We =2 Xe - 1] (6.2.1-3)
Fl: Ne
"\
)
. 3) Station a. Regenerator outlet temperature (T4 ) on the compressor (or cold) side.
8 This temperature may be found from
;
{ 2.1-4
; -Tta = ",R [ Tt‘; == thvl + thl ’ (6. I )
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where:

Tta th'

Ng = ————— is the regenerator effectiveness
) T ~ Ty

Ty, is the temperature out of the turbine (actual, not ideal)

4) Station 3. Turbine inlet temperature (Th) is defined by the reactor heat exchanger

l limitations to be 2060°R (1600°F).
| 5) Station 4. Turbine outlet temperature is found by
Tta
1 W isentropic (6.2.1-5)
Xy
1
it
!
where; e ( Pta )
i =
\ i Ptc
:; For the ideal system with no pressure losses in the regenerator or piping, then, X = X¢.
; For the non-ideal situation, i.e., the real process, the turbine outlet temperature, is given by
!
* Tt‘v = TtJ = nt TtS [ 1 <3 1/Xt ] (6.2.1‘6)
I |
1l
j
i The turbine work is defined by
]
| 6) Station b. Regenerator inlet temperature (Typ) on the turbine or (hot) side.
:; Ttb 2, Tt‘v &~ "R [ Ttl' = thl ] (6.2-1'8)
i
. The ideal thermal efficiency of the regenerative cycle is given by
T .
. . vk X . (6.2.1-9)
{ W =1 —F=—rg=1-=
! T ® z
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The optimum regenerative (heat exchanger) effectiveness (efficiency) is given by

22 X 2Y -1
—-v -t Smm—— —
)~ e @Y
NgopT = 2 2
TR . . ST (6.2.1-10)
. Nc M N

Thederivationof Eq.6.2.1-10and 6.2.1-11 are similar to those for the Brayton cycle and may be
found in Hosney (Ref. 77).

where Z = Tb/Th Y =11 = (1 - 1X) ]
X-1 K
vE——+41 X150 k= (y - Wy
n
c

The thermal efficiency for optimum ng is given by

(ZY-1) = ng (ZY-V) (6.2.1-11)
(Z2-v) — mg (ZY-V)

nﬂ=1

A computer program was written to evaluate the regenerative cycle for various values of Z
and o Input parameters were n; = 0.9 and n, = 0.88. A general performance of the cycle is
depicted in Figure 6.2.1-3.

OPTIMUM PRESSURE
B "Ith max
—

RATIO FOR r

N

- SRR

Ny 1.0

THERMAL EFFICIENCY
F

REGENERATOR EFFECTIVENESS

Figure 6.2.1-3. Pressure Ratio and Thermal Efficiency of Regenerative Cycile

6-40




T LA

The one portion which doesn't show up in this T-S diaqram of Fiqure 6.2.1-1 is the work
done by the fan as in the Brayton cycle, Station 2-2.5. The work of the fan (W) is found from

Wi =W, =W - W

Wi=¢p helium.[ m Ty (’ o+ ) = ——(X -1)] (6.2.1-12)

Accounting for the mass flow of the helium and noting that

Mair Cpair Tts
nt
where Tts is the total temperature at the face of the fan, then equating the two expressions for
W .
F-

W = [ Xg = 11

Mair Cpair Tts | X4~ 1

7"

= Mhelium ©p helium | M Tta( 1 ""'t"’)‘ —(x -1 ]

(6.2.1-13)

From this equation it can be seen that the mass flow of air rha is inversely proportional to
fan pressure ratio function (X; - 1) for a given amount of work available, i.e.:

given Wy =W, -
then ; 1
maif LI x'_1
.
air =
X1
where
Wiy - (6.2.1-14)
Ko7
pair 'ts

This relationship is pointed out in Figure 6 2.1-4.

Hesse and Mumpford give an expression for the critical pressure ratio of nozzle flow as

! P _.._‘Y__
ambient [ ] My -
Proxit y+1 :
- (Ref. 69, p. 131)
=
of i 1} 8
¥y + 1




T Ty F

i, g om s

With a nozzle efficiency yn of 0.98 this ratio equals 0.495. Thus a sonic nozzle (Mach = 1.0 at
exit plane) will occur if the ambient to exit pressure ratio is less than 0.495.

28

air

" ~

[

1.04 1.08 1.12 1.16 1.2
VALUE OF X

Figure 6.2.1-4. Pressure Ratio Function vs Mass Flow of Air

Fordesign conditions at 30,000 ft and Maéh = 0.6, this corresponds to a fan pressure ratio
of 1.77, or Xf = 1,18,

6.2.2 HELIUM MASS FLOW: The helium mass flow for the independer:t ducted fan concept
was varied between 50 and 110 Ib helium/sec. The central gas turbine generator concept was
investigated for mp,q i, m between 250 and 350 Ib He/sec. These mass flow ranges were chosen
in order to compare these two systems concepts with the indirect cycle engines which have a
70 Ib He/sec/engine. The impact of helium mass flow is most emphasized by Eq. 6.2.1-13 where
the work of the fan becomes a linear function of ':“helium if temperature and pressure ratios
are held constant.

6.2.3 FAN PRESSURE RATIO: The fan pressure ratio was varied from 1.2 to 3.0, assuming a
fully expaned nozzle. For fan pressure ratios above 1.77, a sonic nozzle analysis was also
performed. Due to this relationship between mass flow and inlet size which was presented in
Section 6.1.8, a higher fan leading in this analysis would allow a smaller engine for a given
amount of work available to the fan. The fully expanded nozzle produces more thrust but
requires a convergent-divergent nozzle for high fan pressure ratios.
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6.2.4 REGENERATIVE CYCLE APPLICATION: initially the regenerative cycle was studied
using ideal conditions, i.e.:

1) P/Py, = Py/Py,
2) Isentropic processes

while varying:

1) ng=.75t0 9

2) T2 = 600°R to 1000°R
3) T, = 1300°R to 1600°R
4) pr 1.2t03.0

It appears as though the most practical regenerator effectivenss for an airborne applica-
tion is around ) = 0.75. Increasing g increases the size and this relationship is discussed in
Section 7. This is compared to n, = 0.9 or better for ground base operations or seagoing
vessels which can carry the additional weight. In this study,s .= 0.75will receive the largest
emphasis.

?)R

The lower the value of th. the less work the compressor requires for a given pressure ratio
and thus the more energy available for thrust. This point is dramatically emphasized in Figure
6.2.4-1.

Decreasing T,, below 1500°R increases the required energy output of the reactor but
decreases the regenerator weight. IncreasingT,, above 1500°R decreases the required output
of the reactor but increases the weight of the regenerator. From Figure 6.2.4-1, it may be seen
that the siope ofthe line for T, = 43.01b/°R. Thus fora 100 degree change in T, ,. the thrust will
change by 4300 Ibs, which is quite significant. The sensitivity of thrust to the mass flow of
helium was also evaluated and a compilation of the relationships between T,,, T,, and
Mhelium for ng = 0.75and Rptan = 1.6 is presented in Figure 6.2.4-2. The reason Ry = 1.6
was chosen is pointed out by Figure 6.2.4-3, which shows that this is the optimum pressure
ratio for this system. This optimum pressure ratio is the same for Ty, = 1000°R as well as for all
mass flow rates of helium. These studies were for an ideal (isentropic) process. In order to
study the real processes the following parameters were taken into consideration.

1) pressure losses = 2%
2) efficiency of the compressor (y, = 0.88) and turbine (n, = 0.9)
3) limitations on compressor inlet temperature Ty,.

The effects of the first two considerations are strictly an increase in the work required to
drive the compressor, which in turn reduces the thrust. However, the third consideration, Ty,
has multiple significant effects. If the system is designed for altitudes of 30,000 ft, itis possible
to design the system for Ty, = 500°R with ng = 0.75 but to lower that engine to 2000 ft altitude
where the outside temperature is higher, then it becomes impossible tc reject the energy the
system was designed for as Tambient > 500°R. To keep the same inlet temperature to the
compressor is effectively asking ng to increase, which is increasing area and weight of the
system beyond feasibility. A more detailed discussion of this weight relationship is presented
in Section 7. The other option is to design the system so that a high inlet temperature at 30,000
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Figure 6.2.4-1. Thrust as a Function of Compressor and Regenerator Temperature

ft is employed and can still be obtained at lower altitude by increasing the area and weight of
the rejection heat exchanger. The temperature chosen to meet this second option was T, =
700°R(240°F) which, at sealevel, still allows a temperature differential across the rejection heat
exchanger of approximately 170°R. This still requires increasing the area of the heat ex-
changer just to maintain its level of efficiency. An additional constraint is the regenerator
outlet temperatureT, which was set at a minimum of 1350°R by the heat exchanger limitations
in the reactor. Figures 6.2.4-4 and 6.2.4-5 show the optimum conditions for Ty, = 500 and
700°R. As it turns out, the optimum conditions for Ty = 500 R are not reached for ng = 0.75
because of the temperature differential AT allowed across the reactor heat exchanger.
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However, even at non-optimum, that cycle woula produce more work/lb than the cycle
employing T, = 700°R.
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Figure 6.2.4-2, Net Thrust for Ideal Cycle Analysis

Using the program outlir.ed in Appendix A.6.6, the thrust for various temperature cycles was
determined. It was found that a system designed with T,, = 700°R would not produce enough
thrust with the total mass flow of helium being limited to 700 ib/sec. Figure 6.2.4-6 shows that, for
a minimum thrust/engine of approximately 14,000 |b, a 2,000,000 Ib aircraft at 30,000 ft
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f ture Limitations

requires a net work output/engine of 275 BTU/Ib. This network output completely eliminates
the cycle in which Th = 700°R. It also eliminates any cycle combination which ‘has a re-
ruperator outiet temperature Ty, = 1500°R and 9y = 0.75 (Figures 6.2.4-4 and 6.2.4-5).This
‘ implies the need for a bigger reactor to utilize this cycle for the propulsion requirements
Ii established.

However, if the mission required only high altitude operation, in which case Ty, could be
designed to 500°R, then the thrust requirement could be obtained with the reactor the same
size and 9, = 0.75 the reactor increasiing by around 10%, i.e., approximately 550 mw.

- e e mmen

6.2.5 BRAYTON CYCLE APPLICATION: In studying the application of the Brayton cycle to

the direct system (closed cycle) concept, the equations presented in Section 6.1.1 were used.

This cycle was looked at because ittends to produce more work/Ib than the regenerative cycle,

t but at a lower efficiency. Figure 6.2.5-1 presents a compilation of variables based on non-ideal
study parameters, i.e., pressure losses and inefficiencies. As can be seen from this figure, the

net work is low; this is a result of the temperature limitations within which the cycle must

I . operate, specifically, the required compressor outlet temperatisre. As mentioned in the previ- ]
ous section, a minimum of 275 BTU/Ib is required to meet the thrust requirements and, as can i
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be seen from Figure 6.2.5-1, this would be possible if the system could be designed for a
compressor inlet temperature Ty, =~ 550°R. As mentioned earlier, to provide an inlet tempera-
ture of 550°R a larger heat exchange would be required than that needed for the regenerative
cycle which produced the same network.

-

REGENERATOR OUTLET
TEMPERATURE T,(°R)
=

THERMAL EFFICIENCY

NET WORK (BTU/Lbm)

2.2 26

1.8

COMPRESSOR PRESSURE RATIO

Figure 6.2.4-4. Regenerative Cycle Designed with Ty, = S00R
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6.2.6 CENTRAL TURBINE SYSTEM: Recall this system as described in Section 6.0.6, in which
two turbines are located near the reactor and transmit the power to turn a ducted fan engine by
means of shafts through the wings. Gear boxes are used to extract the horszpower for the
fans: With this system in mind, the mass flow of the helium over each turbine would be as much
as 350 Ib/sec to put it on a comparative basis with the indirect cycle. Using the cycle studies
performed in Sections 6.2.4 and 6.2.5, and using the network available from the systems, an
estimated thrust can be obtained. If mechanical efficiency of the gears can be assumed to be
Mmech ~ 0.98, then the horsepower available to the d::<ted fans will be dependent upon the
system design, i.e., the number of gearing mechanisms required. If the engines are located in
the wing and the shafts pass through the engines, then one gear box would be required to turn
eachfan. If the engines are located below the wings, then two gear boxes would be required. A
basic assumption underlying this system concept is that lightweight gear boxes would be able
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to handle the horsepower required by the fans. Just as for the turboprop the gear boxes would
have to handle two to four times the horsepower of today's aircraft gear boxes.

COMPRESSOR OUTLET TEMPERATURE (°R)

THERMAL EFFICIENCY

NET WORK (BTU/Lbm)

COMPRESSOR PRESSURE RATIO

Figure 6.2.5-1. Brayton Closed Cycle Thermodynamic Analysis

6.2.7 SYSTEM SIZING: The method used for approximating the system weights for the
independent turbine and ceniral turbine concepts is to give only a “'ball park” estimate,
because of a lack of available data on weight breakdown on engine components. Based on
Reference 47, the following method was employed.
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The engine components were divided into five parts, with the following percent weight
ranges:

1) fan 5 to 10%

2) compressor 25 to 35% (depending on number of stages)
3) combustor 5 to 7% -

4) turbine 25 to 35% (dependent on number of stages)

5) cowling, auxiliary power, struts, etc., 15 to 40%

Using the CF6-50B as a base engine because it is a large engine which has the following
characteristics (Ref 60):

1) net sea level static thrust 50,000 Ibs
2) dry weight of 8225 Ibs not including thrust reversers
3) fan diameter approximately 8 ft

Several weight estimation techniques were considered; however, after discussion with Dr.
Eirod (Ref. 47), it was decided to use a weight/hp assessment in estimating the system weights.
Using the base engine above, the assumptions used were:

COMPONENT % WEIGHT HORSEPOWER WT/HP
Fan 10 822 27,000 0.03
Compressor 30 2468 70,000 0.035
Combustor 5 411 - -
Turbine 30 2468 100,000 0.025
Other 25 2056 - -

In considering the central turbine system, a gearing mechanism was required. The T34P7
turboprop engine was used as a base engine. It weighs 2670 Ibs and delivers 6500 hp (Ref.
171). The gearing mechanism was estimated as 20% of the weight (Ref. 47), thus giving a
wt/hp) gear = 0.08.

Table6.2.7-1 presents a listing of engine sections and weight estimates for several engine
systems. This table is based on data for where the mass flow of helium is 70 {b/sec and fan
pressure ratio is 1.6. An additional weight to consider for the independent gas turbine
generator system is the weight of the regenerator and the heat exchanger included with each
engine. The weights for these components are determined in Section 7. For the central turbine
concept, the weight of the regenerator and the weight of the rejection heat exchanger for each
turbine would be approximately five times the weight of the regenerators and heat exchangers
used inthe independent turbine engine system. These weights are also presented in Section 7.

6.2.8 PRIMARY AND SECONDARY LOOP TURBINE PUMPS: As mentioned in Section 6.1,
approximately 23,000 hp is needed to drive the primary coolant fluid through the reactor and
the reactor heat exchangers. The system studied to provide this horsepower is one in which a
turbine, compressor, and heat exchanger are located within the reactor containment vessel.
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TABLE 6.2.7-1 ENGINE SYSTEM WEIGHT COMPARISON

TYPE SYSTEM WT
SYSTEM COMPONENT HORSEPOWER | WEIGHT (LBS) FOR:
1 FAN 39830 1194 .
COMPRESSOR 31325 1096
TURBINE 71155 1779
it OTHER - 3042 7111/ENG
1 71,100/AIRCRAFT’
2 FAN 25062 751
COMPRESSOR 40990 1434
\ TURBINE 66052 1651
] OTHER = 2878 6714/ENG
; 67,140/AIRCRAFT"
'. 3 FAN 398300 5975
[ COMPRSSOR 313250 5475
TURBINE* 726071 9076
GEARS 398300 15932

103,344/AIRCRAFT

s } OTHER - 15210 51672/TURBINE
t

; 1- REGENERATIVE CYCLE WITH T,, - 650 AND Rp 2.7 INDEPENDENT TURBINE
i

! s 2 - REGENERATIVE CYCLE WITH T, - 700 ANO Rp 2.4 INDEPENDENT TURBINE
|
'

3 - REGENERATIVE CYCLE WITH T,, - 650 AND Rp 2.7 CENTRAL TURBINE
* - WEIGHT IS BASED ON 10 ENGINE AND EXCLUDES HEAT EXCHANGER WEIGHT.

** - TURBINE HORSEPOWER OUTPUT REQUIREMENT BASED ON COMPRESSORS, FAN
AND A MECHANICAL EFFICIENCY OF THE GEAR OF 0.98.

; The pump is driven by direct drive shaft off the turbine. The system employing one turbine to

' drive the circulator is depicted in Figure 6.2.8-1. The regenerative cycle is used because the
f network output, i.e., BTU/Ib is greater than that of the Brayton cycle. The following parameters
were used in the pump system design:

1) Recuperator output temperature on compressor side Ty, = 1538°R
2) Turbine inlet temperature Ty, = 2060°R
3) Compressor inlet temperature Ty = 650°R

—m o cemwo me. o

The assumptions used in the analysis were:

1) Recuperator effectiveness ng = 0.789

2) Pressure loss in turbine-compressor system AP = 2%.
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Figure 6.2.8-1. Indirect Cycle Gas Circulation System

With these constraints the maximum horsepower was found to be 25,300 hp for mass flow of
helium,Mpojium = 90 Ib/sec. This may be seen from Figure 6.2.8-2 in which the network is
around 199 BTU/Ib, i.e.,

"= { 199 M pejjym
281.5 Mpelium

The reactor output may be expressed as:

Q = 068 fi'lhe“um

Using the continuity equation:
=pAV (6.2.8-1)

Assuming the mass flow to be 840 Ib/sec in the primary loop the system specifications may be
determined. (The 840 Ib/sec is based on 70 Ib/sec going to each of the ten engine heat
exchangers, 90 Ib/sec to the primary pump system, and 50 Ib/sec to the secondary pump
system.) Table 6.2.8-1 presents a summary of the system specifications which employs a
turbine-pump system for both the primary and secondary coolant loops.
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Figure 6.2.8-2. Gas Turbine Generator-Pump Cycle Analysis
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]. Having these turbine systems to produce horsepower allows various system combina-
tions to evaluate optimize on in terms of weight and reliability. Some of these options for the
indirect heat exchanger engine system are:

¢ 1) Having the engines produce the horsepower necessary for the secondary coolant

flow while a direct drive turbine is used inside the reactor for the primary coolant loop.

2) Havingadirect turbine-pump system for the primary and secondary coolant loops.
Within this option is also the option for increasing the reliability by having:
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(a) Two turbines driving two circulators within the primary loop. They would be
operating at half maximum capacity so that, in case one turbine-pump system fails, then the
other would be able to do all the work.

(b) Two turbines would drive pumps located on each of the ten engine systems.
Again the turbine would operate at half maximum capacity.

TABLE 6.2.8-1 TURBINE-PUMP PARAMETERS

REGENERATOR EFFECTIVENESS 0.789
COMPRESSOR INLET TEMPERATURE 650°R
COMPRESSOR OUTLET TEMPERATURE 813°R
REGENERATOR OUTLET TEMPERATURE T,  1541°R
TURBINE INLET TEMPERATURE T,, 2060°R
TURBINE OUTLET TEMPERATURE T 1736°R
PRIMARY SECONDARY
COOLANT LOOP COOLANT LOOP
TURBINE DIAMETER (IN.) 12.2 9.2
NET HP AVAILABLE 25,335 14,075
COMPRESSOR DIAMETER (IN.) 7.0 6.0
CIRCULAR DIAMETER (IN.) 31.75 10.0

3) Using direct turbines to drive the primary and secondary coolant system with
horsepower extraction backup available on each engine. This would provide the horsepower
for the secondary loop pumping power requirements if the gas turbine pump system fails.

6.2.9 RESULTS: Forthe analysis of the direct cycle independent turbine the following criteria
as previously established were: '

1) Mass flow of helium (i, q)ium) = 70 Ib/sec/turbine

2) Minimum temperature of the secondary coolant returning to the reactor heat ex-
changer (T;,;) = 1350 R.

In order to provide a cruise thrust of 140,000 Ibs plus have a turbine to drive the primary
coolant loop, two possible systems are:




1) The case where Th = 700°R on the engine system and using the turbine-pump

developed in Section 6.2.8. The mass flow of helium would be 930 Ib/sec with a reactor size of
approximately 744 mw.

2) The case where Tty = 650 R on the engine system and the turbine pump. The mass
flow of the helium would be 770 Ib/sec with a reactor size of approximately 700 Mw.

it was found that the Brayton cycle was not competitive for this engine system concept

because the net work it could produce was on the order of 25% less than the regenerative cycle
for comparable reactor power.

l The central two-turbine concept appears infeasible in comparison to the independent
; turbine concept because the system weight is on the order of 40 to 50% greater.

T Table 6.2.9-1 presents a summary of the design cycles using regeneration, for the inde-
pendent turbine system with a turbine-pump arrangement for the primary loop pumping

requirements. The results are based on design conditions at 30,000 ft at a flight speed of 596
ft/sec.

TABLE 6.2.9-1. REGENERATIVE ENGINE PARAMETERS

!
| T, (R) 650 650 700
! i 0.75 0.789 0.75
i T, (R) 1350 1367 1411
{ MW/ENG 65.1 63.6
F, (LBS) 14,000 14,000 12,000
. F,iMw 215 220 206
ENG WT (LBS) - 7100 7100 6700

s L o

s T m e oY mmes &

6.3 SUMMARY

6.3.1 RESULTS: Four systems were considered in this section of the report:

1) Indirect cycle heat exchanger turbofan engine using
(a) Liquid metal coolant
(b) Helium gas coolant

2) Direct cycle ducted fan engine which is divided into
(a) Independent gas turbine generator concept
(b) Central two gas turbine generator concept

The first two systems, 1 (a) and (b) were evaluated by the use of CARPET, a design point
program (Ref. 192). These are basically turbofan engines with a heat exchanger located
between the compressor and the turbine. They may have a combustor section as well. A
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sensitivity analysis was performed, and the results were plotted comparing the net thrust of
these engines to:

1) Pressure ratio: fan, gas generating core and overall

2) Turbine inlet temperature

3) Pressure loss in the heat exchanger and or combustor

4) Horsepower extraction for pumping the primary and secondary coolant loops.

5) The amount of core mass flow, i.e., the amount of air passing through the core for
various bypass ratios.

A computer program was written (See Appendix A.6.6 for flow diagram) to evaluate
systems 2 (a) and (b) which are basically ducted fan operated by closed cycle gas turbine
generators. Helium is expanded over a turbine and the net work produced, i.e., after power is
taken off to run the compressor, is used to drive a ducted fan. The Brayton and regenerative
cycles were used in the analysis.

Several driving factors for both systems (1) and (2) were:

1) thrust/megawatt
2) engine weight including heat exchanger
3) horsepower requirements

The thrust/Mw ranged from 220 for the direct cycle ducted fan using the regenerative cycle
to 310 for the liquid metal heat exchanger turbofan engine.

The engine weight was driven primarily by the heat exchanger weight, which comprised
from 35% to 65% of the total engine system weight. The total engine weight, including heat
exchanger (and regenerator for the regenerative direct cycle), ranged from 26,600 Ibs for the
liquid metal heat exchanger turbofan engine to 35,000 Ibs for the helium gas heat exchanger

turbotan engine.

The horsepower requirements are divided into that needed for:

1) auxiliary power 100 to 300 hp
2) primary coolant pumping power requires 2000 to 23,000 hp
3) secondary coolant pumping power requires 1200 to 10,000 hp

Several alternatives to meet this pumping requirement are presented in Section 6.2.8. The
pumping power is greatest for the helium cycle, i.e., a total of 33,000 hp which requires on the
order of 81 Mmw. The liquid metal system, on the other hand, would require on the order of 4000
hp which corresponds to approximately 10 mw. Table 6.3.1-1 presents a summary of five
possible engine systems which were studied in this section. Table 6.3.1-1 presents only the
dedicated nuclear engines for the indirect cycle. Section 6.1.10 presents a more delailed
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TABLE 6.3.1-1. ENGINE SYSTEM SUMMARY

HELIUM ENG| HELIUM ENG | LIG METAL
f 1300 HP 200 HP EXT | 500 HP EXT
INDIRECT CYCLE r
BYPASS RATIO 4.0 . 6.0 5.5
PRESSURE LOSS (OEDICATED) 6% 6% 6%
THRUST (LBS) 12,600 15,200 14,750
THRUST/MW § 254 320 310
NUMBER ENGINES 12 10 10
ENGINE WT 14,720 16,300 15,600
TURBINE-PUMP SYSTEM WT (LBS) 11,020 18,000 -
TURBINE-PUMP MW REQT 61.2 95.2 -
TOTAL MW REQ 631 574 475
TOTAL ENGINE SYSTEM WT (LBS) 187,640 181,000 156,000
DIRECT CYCLE
COMPRESSOR INLET TEMP °R 650 700
FAN PRESSURE RATIO 1.6. 1.6
COMPRESSOR PRESSURE RATIO 2.7 24
NET THRUST 14,000 12,000
NET THRUST/MW 220 205.9
NUMBER ENGINES 10 12
ENGINE WEIGHT (LBS) 71 6714
TURPBINE PUMP SYS WT (LBS) 12,000 10,000
TUABHIE PUMP MW REQ 63.6 58
TOMAL. MW REQ 700 754
TOT:.L ENGINE SYS WT (LBS) 83,110 90,568
! comparison of the dual vs dedicated nuclear engines using helium or liquid metal heat
exchangers.
6.3.2 CONCLUSION_S:
1) From Table 6.3.1-1 it can be seen that the direct cycle ducted fan engine weighs 45%

less than the indirect liquid metal engine and 55% less than the indirect helium heat exchanger
engine.
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2) The direct cycle ducted engine requires 10 to 22% more Mw than the indirect helium

heat exchanger engine and 47% more Mw than the indirect liquid metal heat exchanger
engine,.

3) If the indirect cycle helium concept is employed a 4% engine weight savings and a 9%

reactor power saving is possible if the secondary coolant loop is pumped by a central pump
rather than engine driven pumps.

6.3.3 RECOMMENDATIONS

6.3.3.1 INDIRECY CYCLE: Several ways which might increase the thrust of the heat
exchanger engines are:

1) Further investigation should be made into heat exchanger design with regard

to lowering the engine pressure loss so that higher core mass flows can be used with the end
results of greater thrust.

2) The possibility of heating up the bypass flow would increase the thrust sig-
nificantly, provided the pressure losses due to heat exchanger interferences are small. Amore
detailed study of the flow passage and the heat exchanger air interfacing would have to be
accomplished to determine the potential increase in thrust from bypass heating.

3) Investigation of improving the material limitations of the heat exchanger in
order to increase the turbine inlet temperature.

6.3.3.2 DIRECT CYCLE: The direct engine system employing the regenerative cycle

would be highly competitive with the liquid metal heat exchanger engine if the net thrust/mw
could be increased by

1) Design the regenerative cycle for high altitude cruise missions so that the
compressor inlet temperature can be reduced by 15% and the thrust increased on the order of

35%. A tradeoff would have to be performed between heat exchanger and regenerator weight
increases for this additional thrust.

2) A critical evaluation of pumping requirements in the primary loop to deter-

mine means of reducing pumping power requirements and thus releasing that reactor power
for propulsion or weight reduction.
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SECTION 7
HEAT TRANSFER

7.0 INTRODUCTION

The purpose of the heat transfer analysis is to examine several possible means by which
the thermal energy developed in a nuclear reactor may be transferred to the air mass flow
through the core of the turbofan engine. Since this analysis is searching for designs that are
acceptable for use in airborne systems, size and weight parameters will carry increased
importance. It is understood that these parameters vary inversely with other parameters, such
as costs of development and fabrication factors. However, since this is primarily a feasibility
study for a nuclear powered aircraft system, the study does not attempt to optimize or perform
in-depth tradeoff analyses on these conflicting parameters. Rather, its main objective is to
credibly establish the feasibility of a theoretical heat transfer system that is capable of
providing sufficient energy to the engines to power the design point aircraft. It is hoped that
the results of this analysis will then act as an incentive to increase efforts toward optimization
of the parameters it has identified as the feasibility driving parameters, as well as those that
have been subordinated.

Another non-quantitative factor that figured heavily in the initial design options for the
heat transfer system was safety. Although a single-loop heat transfer system was more
efficient than a multiple-loop system, it was decided that the analysis would ignore the
single-loop system strictly on qualitative environmental safety considerations. Since this
system is expected to operate in an airborne environment complete with turbulence and
constant vibration stresses, ihe analysis assumed the probability of a coolant toop leak to be
high enough that speciiic precautions would have to be included to prevent contamination of
the surrounding environment by the inadvertent release of radioactive particles. This pointed
the methodology to the double-loop system that is used as the basic design point; it is
illustrated in Figure 7.0.1.1-1. In this system, not only the reactor is enclosed in the contain-
ment vessel, but the entire primary coolant loop and the reactor heat exchangers as well. Thus,
any leakage of the coolant from the primary loop, during normal operation, has no signifi-
cantly probable means of escaping into the environment. Even in the event of a crash,
fast-acting valvas in the secondary loop, located in the containment vessel wall, close to
prevent any leakage of radiation to the environment. Details on the valves are included in
Section 7.6

This analysis attempts not to optimize strictly for the sake of heat transfer. It tries to
evaluate the system with a broader view that incorporates both the demands of the heat
transfer system on the reactor as well as the demands on the heat transfer system by the
engine. In short, it attempts to remain within the ''systems concept’’ as much as possible. In
order to maintain this broad approach to the heat transfer problem, it was necessary to carry
many additional parametric variables through the methodology calculations. Itis believed that
the efforts involved in maintaining them throughout will give to the individual readers
interested only in the behavior of certain specific parameters, a better understanding of
exactly how the system as a whole responds to specific attempts to optimize only a selected
portion of the system. In keeping with this idea, the methodology used in this section is
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designed to show basically how the heat transfer system fits into the overall powerplant
system. To accomplish this, first, a description and illustration of the components of the
various heat transfer system configurations that were considered to show how the heat
transfer system interfaces with the engine and the reactor is given. The two systems that are
considered in this report are the direct cycle configuration and the indirect cycle configura-
tion. Second, the heat transfer fluid parameter calculations in both configurations are made.
Heat transfer fluids that are considered are helium and the sodium-potassium compound,
NaK. The specific NaK compound contains 44% potassium by weight. The following three
sections involve developing the reactor heat exchanger size and weight parameters, the
secondary loop piping specifications, and the engine heat exchanger parameters in the
various combinations of the two configurations and the two heat transfer mediums. The last
section, which contains the results and comparisons of the analysis in a synoptic format, is
intended to show how the overall heat transfer system parameters vary according to the
various combinations of configurations and fluid mediums.

TABLE 7.0-1 SYMBOLS LIST

MAIN SYMBOLS LIST

A HEAT TRANSFER SURFACE AREA

Aq HEAT EXCHANGER FRONTAL AREA

A, CROSS SECTIONAL AREA OF 1 TUBE

b FIN HEIGHT

cp SPECIFIC HEAT

c CAPACITY RATE OF HEAT EXCHANGER (C = mcp)
D DIAMETER, OUTSIDE DIAMETER

D}, HYDRAULIC DIAMETER

d DISTANCE

dyin FIN DIAMETER

o INSIDE DIAMETER

q) JAMESON DIAMETER

f FRICTION FACTOR

G MASS FLUX OF HEAT TRANSFER FLUID
g GRAVITATIONAL PROPORTIONALITY CONSTANT
H INLET VELOCITY HEAD

h HEAT TRANSFER COEFFICIENT

K PRESSURE LOSS COEFFICIENT

k THERMAL CONDUCTIVITY

L FLOW LENGTH




TABLE 7.0.1 SYMBOLS LIST (Continued)

{
M
m
N

Ny
v

TUBE LENGTH

MEGAWATTS

MASS FLOW RATE

NUMBER

NUMBER OF TRANSFER UNITS
VELOCITY

GREEK SYMBOLS

(44

RATIO OF TOTAL TRANSFER AREA ON
ONE SIDE OF HEAT EXCHANGER TO THE
TOTAL VOLUME OF THE HEAT EXCHANGER
DENOTES DIFFERENCE

DISTANCE BETWEEN FINS

HEAT EXCHANGER EFFECTIVENESS

FIN EFFECTIVENESS

OVERALL SURFACE EFFECTIVENESS
KINEMATIC VISCOSITY

HOOP STRESS

RATIO OF FREE-FLOW AREA TO FRONTAL AREA
DYNAMIC (ABSOLUTE) VISCOSITY

DENSITY

SUBSCRIPTS
1,234
a
av
h
c

PIPE RADII OR STATIONS IN HEAT TRANSFER SYSTEM
AIR

AVERAGE

HELIUM
CONCENTRIC PIPE
ENGINE

MINIMUM
MAXIMUM
PRIMARY LOOP
INSULATION
SECONDARY LOOP




TABLE 7.0.1 SYMBOLS LIST (Continued)

E ENGINE HEAT EXCHANGER
R REACTOR HEAT EXCHANGER
) TUBE(S) |
P PIPE ,
' FILM

y PER PASS THROUGH HEAT EXCHANGER

7.0.1 HEAT TRANSFER SYSTEMS DESCRIPTIONS: In the basic turbofa.r engine, heat
energy is transferred to the core air mass flow via the combustion process which uses a
chemical fuel as the energy source. The overall powerplant system of the nuclear powered
aircraft replaces the chemical energy source with a nuclear reactor, providing sufficient
thermal energy to the core air mass flow to produce the desired thrust from the engine. The
heat transfer system is defined as a subsystem of the overall powerplant system which has the
responsibility of transferring this thermal energy from the reactor tc the engine core air mass
flow. The overall powerplant system can be depicted in a simplified energy flow diagram as in [
Figure 7.0.1-1. |

NUCLEAR
ENERGY

HEAT TRANSFER)|

-O SYSTEM ’W il

4 ! x \

SOURCE ENERGY ENERGY ENERGY '
CONVERSION TRANSFER CONVERSION

Figure 7.0.1-1. Energy Flow

The three basic major subsystems of the powerplant system are: (1) the reactor, which
converts the nuclear energy to thermal energy; (2) the heat transfer system, which extracts this
energy from the reactor and transports it to the engines; and (3) the engines themselves, which
convert this thermal energy into mechanical and kinetic energy to produce the desired thrust.
This section deals in detail with only the heat transfer system.

7.0.1.1 THE INDIRECT CYCLE HEAT TRANSFER SYSTEM: The indirect cycle
utilizes a secondary heat transfer loop to extract the energy from the reactor coolant and
transfer itto the engine core air mass flow. This energized core air then is expanded across the
turbine in the engine to produce the energy to drive the compressor and the bypass fan and to
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nroduce a thrust as the end product. The basic two-loop, indirect cycle heat transfer system is
composed of these four primary subsystems:

1) primary reactor coolant loop
2) reactor heat exchanger
3) secondary heat transfer loop
4) ergine heat exchanger

These subsystems are physically related, as shown in Figure 7.0.1.1-1,

AR
CONTAINMENT
VESSEL
o= 1 SR
ENGINE // N\ “
® ) : o% -
1 -\
I
: =)
x \ . f.f
\
N P4
l N — o a— - /

Figure 7.0.1.1-1. Two-Loop Indirect Cycle System

The primary reactor coolant loop consists of a network of pumps and piping that
conducts the coolant fluid through the reactor core where thermal energy is absorbed. From
here the fluid moves to the primary side of the reactor heat exchanger, where it releases this
energy, and finally moves back to the reactor to absorb more heat. This entire primary coolant

loop, including all required pumps and valves, is physically located inside the reactor con-
tainment vessel.

The reactor heat exchanger is the means by which the thermal energy of the primary
loop fluid is transferred to the secondary loop heat transfer fluid. This subsystem also is

located entirely within the reactor containment vessel. The reactor heat exchanger is
described in more detail in Section 7.2.

The secondary heat transfer loop is the network of pumps and pipes containing the
secondary heat transfer fluid. The primary reason that this loop is inserted into the heat
transfer system is to reduce the probability of a release of radioactive reactor coolant and/or
radioactive fission fragments to the surrounding environment in the event of a reactor coolant
system leak. The secondary coolant loop absorbs heat in the secondary s.de of the reactor
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heat exchanger and transports this through the piping network to the secondary side of each
engine heat exchanger where the thermal energy is released. The coolant flow then returns to
the reactor heat exchanger to be reenergized. With the exception of the secondary side of the
reactor heat exchanger, the secondary coolant loop is located entirely outside the contain-
ment vessel. That portion located inside the containment vessel can be isolated by fast acting
valves, which are described in Section 7.6. The engine heat exchanger, which transfers the
thermal energy of the secondary loop fluid to the engine core air mass flow, is described in
detail and illustrated in Section 7.4.

7.0.1.2 DIRECT CYCLE HEAT TRANSFER SYSTEM: The direct cycle heat transfer
system differs from the indirect cycle heat transfer system primarily in that there is no heat
exchanger in the engine to transfer energy from the heat transfer fluid to the air. In fact, the
direct cycle does not use air as the working medium in the engine core because, in the direct
cycle, the gaseous heat transfer medium in the secondary loop is itself expanded directly
across a ‘urbine and recovered. The energy extracted from this heat transfer fiuid by the
turbine is then used to drive a compressor and the bypass fan. The fan produces thrust and the
compressor repressurizes the gaseous heat transfer fluid prior to going back to the reactor
heat exchanger for additional thermal energy. This basic two-loop direct cycle heat transfer
system is composed of five major subsystems:

1) primary reactor coolant loop
2) heat exchanger

3) secondary heat transfer loop
4) recuperator

5) precooler

These subsystems are physically related to the reactor and the engine subsystems as shown in
Figure 7.0.1.2-1.

COMPRESSOR REACTOR

HEAT EXCHANGER

PRECOOLER RECUPERATOR REACTOR

TURBINE

Figure 7.0.1.2-1. Two-Loop Direct Cycle System
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The primary reactor coolant loop and the reactor heat exchangers serve the same
purpose and are correlated as described in the previous section on the indirect cycle heat
transfer system. The secondary loop serves the same function as the indirect cycle configura-
tion also, in that it conducts the heat transfer fluid from the reactor heat exchanger out to the
engine. Here the similarity ends. When the hot gaseous heat transfer fluid arrives at the engine,
it is expanded directly across the turbine where a portion of its total thermal energy is
extracted. After this expansion, the heat transfer fluid goes to the recuperator where it
releases some more of its thermal energy. The recuperator is a heat exchanger that utilizes the
gaseous heat transfer fluid coming off the turbine as its hot side fluid and the recompressed
heat transfer fluid coming off the compressor as its cold side fluid. Thus thermal energy is
transferred from the turbine outlet to the compressor outlet fluid. After the secondary fluid
leaves the reuperator it goes to the precooler, which is also a heat exchanger, where it
transfers the remaining thermal energy necessary to close the modified Brayton regeneration
cycle. A detailed description of the secondary loop heat transfer process in the engine is
presented in Section 7.4.2. From the precooler, the fiuid proceeds to the compressor where a
portion of the energy extracted at the turbine is reinstated. This is accomplished by the actual
work done by the compressor on the gas. After leaving the compressor, the fluid goes back
through the recuperator to gain yet more thermal energy prior to returning to the reactor heat
exchanger for completion of the reheating process.

Another design option of the direct cycle heat transfer system that will be presented
involves the same principles of operation just described, except that the secondary loop heat
transfer fiuid that exits the reactor heat exchanger is not routed out to each engine for turbine
expansion. This option involves the use of two larger turbines located adjacent to the reactor
containment vessel. The hot secondary loop coolant fluid is expanded across these turbines,
recovered, and reprocessed for reheating. The two turbines use the energy derived from the
heat transfer fluid to drive rotating shafts that are mechanically connected to the engines via a
reduction gearbox assembly. The engines in this configuration are of the ducted-fan type.

7.0.2 POINT DESIGN SELECTION: There are many different types, shapes, and sizes of heat
exchanger designs, and many piping options to consider, including material, configurations,
etc. Thus, the first problem to be faced in the analysis of the heat transfer system was the
establishment of a design point. As research progressed, the reasons established in Sections
7.0 and 7.1.0 rapidly became visible and pointed the study effort toward a design point which
uses an indirect cycle, High Temperature Gas Reactor (HTGR) System with helium as the
coolant and heat transfer medium. Consequently this system was used as the basic energy
source system upon which the heat transter svstem analysis would be accomplished. With the
HTGR system as the energy source, and the two-loop indirect cycle system described earlier
as the initial heat transfer system configuration, the total design point package was complete
from the energy source to the engine heat exchanger. It should also be noted by the reader that
this design point and other initializing assumptions, and parameters yet to be defined, are
basically within the state-of-the-art in their particular areas today. The analysis purposely
avoided extrapolating parameters into the future in order to exclude as much technological
risk as possible from the results of the study.
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7.1 HEAT TRANSFER FLUID PARAMETERS

There has been much experimentation on various materials for use as a heat transfer
medium. Some of these work well in certain situations and others do not. The suitability of a
particular material will depend on many variables. Some of the more important factors that
need to be evaluated are:

1) the thermal properties of the material as they affect the temperature regime in
which this material can be used.

2) the corrosion properties the material exhibits on the containing materials.
3) the power requirements necessary to circulate the fluid.
4) heat-transfer coefficients which affect the size of the heat exchanger.

5) the hazards involved and safety precautions that must be evaluated in the operat-
ing environment.

6) overall economic costs versus the benefits of the material.

7.1.1 HELIUM: In this study, helium was selected as the primary point design heat transfer
medium, based primarily on the following reasons. Safety consideration showed that since
helium does not activate, the danger of radioactive release is reduced. Also, helium remains
stable in the high temperature region in which the reactor core operates. Helium exhibits
favorable corrosion properties on most common containing vessel materials. The hazards and
safety precautions required with helium are less than with many other common heat transfer
mediums, particularly the liquid metals. The penalties weighed against these benefits were a
higher pumping power requirement for gaseous helium and poorer heat transfer properties
which result in larger heat exchanger requirements.

7.1.1.1 HELIUM INDIRECT CYCLE:The methodology of the heat transfer systems
analysis was developed using helium as the heat transfer medium. This basic methodology
was then reapplied to analyze the heat transfer system configurations using another heat
transfer fluid, specifically the liquid metal compound, NaK. The two heat transfer fluid proper-
ties that need to be defined first are the mass flow rate of the fluid and the temperature of this
fluid atthe various points around the heat transfer system. The starting point was as explained
previously at the engine/heat transfer system interface. At this interface, the following
parameters of the engine core air mass flow have been established.

@ Air Mass flow rate = 200 Ib/sec
©® Engine heat exchanger air inlet temperature = 600°F
@ Engine heat exchanger air outlet temperature = 1500°F

The 900°F air temperature change across the engine heat exchanger and the 200 ib/sec mass
flow rate are sufficient to produce the design point thrust as developed in Section 6. Using the
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specified engine core air mass flow rate and the specific heat of air, the capacity rate of the air
was defined as:

Ca = My Cpa

where t’na = engine core air mass flow rate

Cya = specific heat of air

p

Now form the ratio of the capacity rates of air on the one side of the engine heat exchanger and
the helium on the other side.

C
C

a__ MaCa
s Mg Con

If now a specific value is assigned to this ratio, the equation can be solved for r'ns. the mass flow
rate of the helium in the secondary heat transfer loop. Initially, C, /Cg was assigned an
arbitrary value but, after the methodology was complete, this value was then iterated from 0.10
to 1.0 before the value of 0.58 was settled on as the optimal value for this particular system.
These calculations and the rationale behind the value selected are performed in Section 7.4.1.
When Chs = .58 is used, the helium mass flow rate becomes

My Cpa
ms T2 crem————————
(C4/Ce)(cpn)

=70 Ib/sec

The secondary loop helium inlet temperature can be calculated using the heat exchanger
efficiency equation.

_ actual heat transferred
maximum possible heat transfer (7.1.1-2) (Ret. 74, p. 308)

By the definition of Cg, the air side engine heat exchanger has the minimum

capacity rate. Therefore, the maximum possible heat transfer would occur if the air underwent
the maximum temperature change present in the heat exchanger. Therefore, using the basic
heat flow equation

q=m cp AT (7.1.1-3) (Ref. 129, p. 186)

q = heat transfer rate
AT = temperature change of the fluid
M = fluid mass flow rate

The maximum possible heat transfer is defined as

Qg = My Cpa (T, ~ Ty,)




The actual heat transferred then is defined using the actual temperature change of the air.
Qg = Mg Cpa (Ta, ~ Ta,)

Thus, the effectiveness is the ratio of these two quantities of heat transfer.

. _Ma Spa (T, ~ Ty, (7.1.1-4)

Ta)
Mg Cph (Ts, — Ta,)

This yields Tg, = 1600°F.

Based on research of prior studies of heat exchangers, and conversations with several heat
transfer authorities, the study assumed an engine heat exchanger effectiveness, €, of 90%.
(Refs. 70,111,176). When this is substituted in Eq. 7.1.1-4 the equation can be solved for Ts1'
the secondary loop helium temperature at the inlet side of the engine heat exchanger. The
same equation in a different form can be solved for the secondary loop helium temperature
coming out of the engine heat exchanger. The different form involved uses the heat transfer-
red from the helium as the numerator of the effectiveness equation. This calculation is as
follows:

_™Ms %ph (T, ~ Ts)) (7.1.1-5)
Mg Cpa (T, — Ta,)

Rearranging variables and solving for Tg, vieids:

T, = 1078°F

Using Eq. 7.1.1-3 and these inlet and outlet temperatures, the total power transferred from the
helium to the air can be calculated.
q = g cpp (Tg, = Ts,)
4.5 X 10* BTU/sec
= 47.48 megyawatts (MW)
Thus, this is the power required to be delivered to the engine heat exchanger by the heat
transfer fluid. This will produce the desired 900°F temperature change in the 200 Ib/sec core air

mass flow.

Now the inlet an:{ outlet temperatures of the helium canbe summed and then divided by two to
get an average helium temperature in the engine heat exchanger. Assuming that the helium
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behaves as an ideal gas, use the average helium temperature expressed in the Kelvin scale in
the Ideal Gas Law equation. This equation when solved for the helium density is

.4

= 7.1.1'6
P=RT ( )

Assuming an operating helium pressure in the secondary loop of 1800 psi yields an average
helium density of

Pes = -373 Ib/ft3

Summarizing up to this point, the methodology has utilized an established air mass flow rate
of 200 Ib/sec, an air temperature change from 600°F to 1500°F, a capacity rate ratio of 0.58 and
an engine heat exchanger effectiveness of 90%. These parameters define the required secon-
dary loop helium mass flow rate of 69.41 Ib/sec with an engine heat exchanger inlet tempera-
ture of 1600°F and outiet temperature of 1078°F, and an average helium density of .373 Ib/cu ft.

in the engine heat exchanger. These heat transfer fluid parameter values provide 47.48 mw of
power to the core air mass flow.

The next heat transfer fluid parameters to be considered are the temperatures of the
fluid at theinlet and outlet of the reactor heat exchanger. To calculate these, however, the heat
loss in the piping that connects the engine heat exchangers and the reactor heat exchanger

must be considered since the physical distance separating them is significant, particularly for
the outboard engines.

Before the thermal energy loss in the pipes can be calculated, several limiting
parameters must be defined. The first of these is the maximum amount of radial pipe heat loss
that will be allowed. In all the cases it was assumed that 0.1% of the thermal energy being
transferred to the air by the helium is the maximum amount of radial heat loss that will be
allowed. The primary external means of control over the radial heat loss is the type and
thickness of insulation around the pipes. Also, a certain amount of control can be exercised
with internal parameters such as flow velocity and/or fluid temperatures and piping material
thermal conductivity. The other parameter that must be defined is the ambient external air
temperature that will be surrounding the outer circumference of the pipe insulation. This
temperature is defined to be -70°F since this would be about the coldest temperature that
would be expected in the wing after an extended period of flight at altitude. The coldest
temperature was purposely chosen so that the radial temperature differential between the
bulk fluid in the pipe and the ambient air would be large. This would provide a ‘‘worst case"
condition for the analysis. The third parameter to be defined is the maximum allowable surface
temperature of the outer edge of the insulation layer. This is assumed to be 100°F to preclude
any thermal burning of wires and/or other problems developing from high heat sources.

With these parameters defined, the basic heat transfer equations can be used to
equate the radial heat loss to the longitudinal heat loss. This allows the solution for Tss the
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helium temperature at the outlet of the secondary loop side of the reactor heat exchanger and
Tg; the helium temperature at the inlet of the secondary loop side of the reactor heat
exchanger. The next step invoives using these two temperatures with Tgy and Tg,toderive the
longitudinal average temparature of the secondary loop supply line helium and the return line
helium. These average fiuid temperatures can then be used to calculate the actual radial heat
loss and the maximum surface temperature at the outer edge of the insulation layer.

If either of these parameters then exceeds its assumed maximum value, the insulation
thickness is increased, T, and Tg, are recalculated using the new radial heat loss value, and
the entire calculation is reiterated to define another maximum surface temperature and radial
heat loss. This process is continued until the insulation is thick enough to keep the radial heat
loss and maximum insulation surface temperatures within the maximum design limits. Ap-
pendix A.7.1 contains a complete sample set of calculations concerning the radial heat loss of
the pipes and the other associated parameters. Specifically, there are 47.48 Mw being transfer-
red to the air from the secondary loop helium in each engine heat exchanger and the total pipe
loss per engine is less than 0.05 Mw. Thus the radial thermal energy loss that results is
negligible when compared to the amount of thermal energy being transferred to the air.

The temperature, Tg,, at the outlet of the secondary loop side of the reactor heat
exchanger is 1600°F and the temperature, Tg,. at the inlet of the secondary loop side of the
reactor heat exchanger is 1078°F. Now that the temperatures are defined on the secondary
loop side of the reactor heat exchanger, the next parameters which need to be defined are the
temperatures on the primary loop side and the mass flow rate of the heat transfer fluid in the
prirnary loop.

The reactor heat exchangers are of the basic plate-fin design. This design was
selected since it presented a very compact heat transfer package and the overall size and
weight of the containment vessel was sensitive to the heat exchanger size. A capacity rate ratio
of 1 was selected for this heat exchanger since the plate thickness was very thin, and equal
dynamics on both sides would minimize the stresses imposed on it. The effectiveness of this
heat exchanger design was initially assumed to be 75%. The effectiveness eguation, Eq.
7.1.1-2, can now be used in the same manner as in the engine heat exchanger temperature
calculations to determine the primary loop side inlet and outlet temperatures of the primary
loop helium. The results of these calculations are T, = 1775°Fand T, = 1252°F. The mass
flow rate in the primary loop can be determined by assuming that the difference in the Cph
values between the primary loop and the secondary loop are negligible and by using the
capacity rate ratio of 1. These conditions then define the primary mass flow rate equal to the
secondary mass flow rate.

Since the reactor heat exchangers are in the containment vessel, piping losses
between them and the reactor are assumed negligible. Therefore Tp1 can be equated to the
reactor outlet temperature and sz equated to the reactor inlet temperature. These tempera-
tures along with the primary loop mass flow rate are the interfacing parameters of the heat
transfer system and the reactor.

Figure 7.1.1.1-1 is a summary of the tluid parameters for the two-loop indirect cycle
system using helium as the heat transfer fluid.
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Figure 7.1.1.1-1. Helium Parameters
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7.1.1.2 HELIUM DIRECT CYCLE: Figure 7.1.1.2-1 illustrates the direct cycle system
that will be analyzed. Initializing temperature values that are underlined once are derived in

Section 6.2. Values that are underlined twice are assumptions that already have or will be
explained in this section,
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Figure 7.1.1.2-1. Direct Cycle

The outside ambient air temperature of +60°F is assumed for reasons explained in
Section 7.4.2. Also, the value of the engine heat exchanger effectiveness is calculat2d in that

section. The secondary loop heat transfer fluid mass flow rate is assumed to be 70 Ib/sec, as in
the indirect cycle.




The first two heat transfer fluid parameters to be calculated are those of the re-
cuperator outlet temperature on the turbine side and on the compressor side. This is done
using Eq. 7.1.1-2, an assumed recuperator effectiveness of 79%, and the turbine and compres-

sor outlet temperatures shown on Figure 7.1.1.2-1 and derived in Section 6.2. These tempera-
| ture values are:

Ty = 645°F
T2 = 907°F
| where T1 = recuperator outlet temperature on the turbine side
{ T2 = recuperator outlet temperature on the compressor side
,;; Assuming negligible pipe losses in the secondary loop, a maximum reactor output tempera-
i

ture of 1800°F, and a capacity rate ratio of 1, the effectiveness of the reactor heat exchangers
can be calculated using Eq. 7.1.1-2. This turns out to be 77% for this direct cycle system. The
last parameter to be defined for the heat transfer fluid is the outlet temperature of the reactor

heat exchangers. This is 1107°F. Figure 7.1.1.2-2 is adiagram of the direct cycle engine system
with all the flow rate and temperature data shown.
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Figure 7.1.1.2-2. Direct Cycle Helium Parameters

Now that the heat transfer tluid parameters are defined, it is possible to calculate the
reactor output. Using Eq. 7.1.1-3 this turns out to be 63.6 Mw. Of this total, 41.74 Mw are
transferred to the air in the precooler and lost from the system. Additionally, note that for the
same reactor output temperature and primary loop mass flow rate, the overall power required
from the reactor is approximately 25% greater for the direct cycle. This increased power
requirement will bear directly on the size and weight of the reactor and containment vessel.
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7.1.2 NaK INDIRECT CYCLE: The identical methodology used in the helium analysis was
used to analyze an indirect cycle system using NaK as the reactor coolant and secondary heat
transfer fluid. The specific physical properties and flow parameters that were changed to their
appropriate values for NaK are listedin Table 7.1.2-1. Figure 7.1.2-1 presents the temperatures
and mass flow rates that resulted from this analysis. Notice that the maximum temperature
required is over 100°F less than in the helium system which produced the same 47.48 mw at the
engine interface.

TABLE 7.1.2-1. PHYSICAL PROPERTIES OF HELIUM AND NaK

PARAMETER UNITS | HELIUM |  NeK
SPECIFIC HEAT (Cp) BTULBF | 1.242 249
KINEMATIC VISCOSI™ (v) SQ FT/SEC {8.3 X 10 | 2.34 X 10
ABSOLUTE VISCOSITY () LB/SEC FT |3.1 X 10 | 1.08 X 10+
DENSITY (p)
(SECONDARY SIDE) LB/FTS | 0.373 46.2
(REACTOR SIDE) LB/FT3 | 0.340 46.2
THERMAL CONDUCTIVITY (k) -
(SECONDARY SIDE) s 0.330 15.39
(REACTOR SIDE) BTUHR | 4355 15.39
FT°F
CAPACITY RATIO 0.58 0.22
SECONDARY LOOP HEAT
EXCHANGER FLUID VELOCITY FT/SEC 100 .20
PIPE FLUID VELOCITY (v) ) FT/SEC 400 20

9 9.
1401.8

M @ 1402.0 >

600.0
— SECONDARY =
: Ibm N =
i, = 200 1o Heuum'b o = 913 1o i
o -
Mg =913 e
1500.0 i
@1600.0 ~ 6001 @ 1666.3
ENGINE REACTOR
H.E. H.E.

Figure 7.1.2-1. NaK Parameters
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7.2 THE REACTOR HEAT EXCHANGER

The sum of the power required by the engine heat exchangers and the pipe losses yields
47.48 mw of power required to be transferred from the primary loop to the secondary loop to
provide the 900°F temperature change in the engine core air mass flow. This task belongs to
the reactor heat exchanger. Assuming there are 10 engines, the total reactor output require-
ment will be 475 Mw. For safety reasons, this study considered a separate reactor heat
exchanger for each engine. Each of these heat exchangers will be physically located within
the reactor containment vessel. This willincrease the overall power plant system safety margin
since it provides that if a break or leak should occur on the primary loop side of an individual
reactor heat exchanger, there will only be a requirement to shut down that particular engine.
The calculations in Section 7.1.1.1 have quantitatively defined the parameters of temperature
and mass flow rates for both heat transfer loops. The objective of this section is to use these
parameters to define the reactor heat exchangers in terms of the physical parameters of size
and weight. Also, the pressure losses experienced by the heat transfer fluid as it transits the
heat exchanger cores will be calculated. The size and weight of these heat exchangers not
only add themselves into the overall aircraft gross weight, but since they are located inside the
containment vessel, their size directly affects the diameter of the containment sphere and
hence they also geometrically affect the gross weight. In keeping with this idea, the reactor
heat exchanger design was selected from the Kays and London compact heat exchanger
studies (Ret. 87). Itis of the basic plate-fin design and is illustrated in Figure7.2-1. The plate-fin
design was selected since by the very nature of its construction, itis possible to achieve a very
large area compactness or heat transfer area available per unit of volume. There is more
flexibility in the overall heat exchanger design using this construction since the two fluid sides
are independent of one another and the most suitable type of extended (finned) surface can
be chosen for each of the fluids.This is not possible with the circular-tube-bank surfaces
where, for example, the choice of flow normal to a bank of tubes for one fluid automatically
fixes the flow geometry for the other fluid.
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Figure 7.2-1. Reactor Heat Exchanger Core




7.2.1 DESIGN PARAMETERS OF REACTOR HEAT EXCHANGER: The plate-fin heat ex-
changer is constructed in a sandwich configuration with the primary and secondary loop
fluids flowing in alternate layers. In the calculations, it is assumed that this heat exchanger is
manifolded in a cross-flow configuration for basic header and manifold design simplicity
considerations. Although it is possible to manifold this type heat exchanger in a more
thermally efficient combination crossflow/counterflow configuration, there was not enough
actual design data available to perform the required calculations for comparison. In this
section, the key heat exchanger parameters of volume, weight, and fluid pressure loss will be
calculated for helium and NakK.

7.2.1.1 HELIUM SYSTEM: In order to calculate the total reactor heat exchanger
volume required, the mass flow rate of the heat transfer fiuid in the secondary loop must be
used to define the flow area required in the heat exchanger. Before this calculation can be
performed, a fluid velocity must be defined. For any given mass flow rate, a direct relationship
exists between the helium velocity and the pumping power required to drive the helium
through the heat exchanger core. This relationship shows that the pumping power varies as
the cube of the velocity as is defined by the following equation.

Pumping power = f p . A =
Op 29
where: f = friction factor
p = helium density
L = flow length
Dy, = hydraulic diameter
A = free flow area

However, by combining Eq. 7.1.1-3 and Eq. 7.2.1-1, it can be seen that the heat transfer rate
also varies with the velocity according to the following relationship.

q=pAv p AT
where AT = temperature change in the helium resulting irom transiting the heat
exchanger.
A = free-tlow area

The objective in the heat exchanger is to obtain a high heat transfer rate while maintaining the
required pumping power at an acceptable level. Based on this consideration and on Ref. 70, a
velocity of 100 ft/sec was selected as the design point helium velocity in the heat exchanger
core. The flow area is defined using this velocity and the previously calculated values of the
secondary loop heat transfer fluid parameters.
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Flow area =

where v, is the velocity of the heat transfer fluid through ihe secondary loop side of the
engine heat exchanger core.

This defines the required free flow area that must be presentedto the secondary loop helium at
the antry face of the heat exchanger core. At this point, it seems that a tabulation of the
required heat exchanger core geometry specifications is necessary. These specifications
have been extracted from Ref. 87 and consolidated in Table 7.2.1.1-1 for reference. These
geometry specifications form, in a large part, the basis of the subsequent heat exchanger
calculations.

TABLE 7.2.1.1-1. CORE GEOMETRY SPECIFICATIONS

NOMENCLATURE SYMBOL VALUE

PLATE MATERIAL HAYNES
188
PLATE SPACING (FT) b 0.00833

PLATE THICKNESS (FT) t 0.001
FINS PER INCH 46.45

FIN THICKNESS (IN.) 0.002

m »n =z

FIN AREA/TOTAL AREA 0.837

HEAT TRANSFER AREA/VOLUME BETWEEN PLATES 13325

(SQ FT/CU FT)

h-

HYDRAULIC DIAMETER (FT) D 0.002643

HYDRAULIC RADIUS (FT) R 0.000661

o v e o~

Once the flow area for the secondary helium flow has been established, the ratio of the
free-flow area to the frontal area on the secondary loop side of the heat exchanger core, 2, can
be calculated

P (7.2.1-2) (Ret. 87, p. 36)
% + 2



Then the frontal area of the heat exchanger exposed to the secordary loop helium can be
defined using

free-flow area
Af, = -r—-—}_—— . (7.2.1-3) (Ref. 87, p. 36)

Also needed is the ratio of the total heat transfer area on one side of the heat exchanger to the
! volume of tie entire heat exchanger core

[ 24

1, « = (7.2.1-4) (Ref. 87, p. 36)

P
=i

Now using e and %, itis possible to calculate the heat transfer area available to the secondary
loop helium based on an assumed flow length, L.

heat transfer area available = al Afr

’ {1 The value of L is initially chosen arbitrarily but will eventually be iterated to its final value by
i the equation of the required heat transfer area to the available heat transfer area. To compute
{ the actual heat transfer area required for the heat exchanger, it is necessary to calculate the
overall heat transfer coefficient of the heat exchanger. This is accomplished by first calculat-
ing the mass flux and the Stanton number which, in turn, define the film conductance
coefficient for the helium on on both sides of the heat exchanger.

The Stanton number, N, , can be calculated by using the heat transfer parameter, NstPrm. To

calculate this parameter first requires the uetermination of the Reynolds member for the
helium fiow on the secondary side of the heat exchanger, Re,.

g Ve D
Reg = ﬁ‘-s—“-'u (7.2.1-5)
h

Use this value of Reg and the Prandtl number (Pr) for helium defined at the average helium
E temperature on the secondary side to determine the Stanton number.

_ __.0288
St (Reg)? (Prg)¥?

(7.2.1-6) (Ref. 74, p. 148)




Now using N, the unit film conductance for the helium on the secondary side of the heat
exchanger can be calculated.

hs = Net Ps Vas Cph (7.2.1-7) (Ref. 87, p. 254)

Both sides of this heat exchanger are using the same fluid and mass flow rates through the
same core geometry and over equal flow lengths. Thus, by assuming that the higher average

| helium temperature on the primary loop side has insignificant effects on the specific heat, the
| Prandti number, and the absolute viscosity coefficient, the actual difference between the unit
| film conductances on either side of the heatexchanger will be negligible. Thereis a significant
] density change, but this can be compensated for by increasing the velocity so that the mass
i flow rates remain equal on both sides. This maintains equal mass flux on either side. There-

fore, the value calculated for h, can be equated to hp. When both film conductances are
defined, the overall heat transfer coefficient for the heat exchanger can be calculated.

3 R
l U Mo Ns  Z(mg Np)

In this equation, n,, is the overall hea: transfer surface effectiveness and is calculated using
! the methodology in Ref. 87, p.14. By entering Figure 7.2.1.1-1 with the capacity rate ratio and

o | the heat exchanger effectiveness, the N, can be determined. This yields N, = 4.50. With
‘ this value and the definition of Nm. the heat transfer area required can be calculated.

Niy Mg Cph

Un

(7.2.1-9)

Area required =

Once both the heat transfer area available and the heat transfer area required are
calculated, the two are compared. The initial value of the flow length that was arbitrarily
selected earlier is now adjusted as required to insure that the area available is at least as large
as the area required. This adjustment was accomplished in a computer program and the
resulting flow length was 3.23 feet. Once the flow length and heat transfer area available are
finalized, the total heat exchanger volume can be caiculated.

Vn = heat transfer area available (7.2.1-10)
[: §

The next physical parameter desired is the heat exchanger weight. To make this definition, the
ratio of volume of metal to total heat exchanger volume must be calculated. This can be
accomplished using the ratio of fluid free flow area to frontal area. Also, since the heat
exchanger is constructed in a cross flow configuration with equal flow lengths, and of the
same plate-fin geometry, this ratio will be the same on both the secondary and primary sides.
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Using Eq. 7.2.1-2, the value of X is calculated to be approximately 0.40. This means that 40% of
the frontal area on that particular side is void. Since the layers are symmetric, 40% of the
alternate layer is also void. Thus, there will be a total void volume of 80% which establishes

20% metal volume for the heat exchanger. Using this, the actual weight of the heat exchanger
core can be calculated. ;

Wg = 0.2 p, Vg (7.2.1-11)

where: pm = Density of heat exchanger metal

(me),
COLD FLUID

LN

HOT FLUID

EFFECTIVENESS ¢, %

0 1 2 3 4 5
NUMBER OF TRANSFER UNITS, NTUpax = AU/Cppyy

B e eam®. mes

Figure 7.2.1.1-1. Effectiveness for Cross-Flow Exchanger with Fluids Unmixed (Ref. 74, p.
313)

P

This weight does not include any allowance for outer core support structure, headers, or
manifolds. To maintain comparative uniformity, this study used the same approximation that
was established in the General Electric report (Ref. 111, p. 48, 233) as an additional weight
factor. This results in 12% of the core weight as containment and supporting structure weight.
The header and manifold weights comprised 33% of the supported heat exchanger. The
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K combination of these yields = total heat exchanger package weight equal to 1.49 times the
| core weight. The resulting weights are tabulated in Table 7.2.1.1-2.

] TABLE 7.2.1.1-2. HEAT EXCHANGER PARAMETERS

: PARAMETER HELIUM NaK
CAPACITY RATE RATIO 0.58 0.22
ENGINE CORE AIR MASS FLOW (LB/SEC) 200 200
ENGINE CORE AIR MASS (°F) 900 900
j SEC & PRI LOOP MASS FLOW (LB/SEC) 70 913
f MAX TEMPERATURE OF HEAT TRANSFER FLUID ('F) 1778 1666
E PRI & SEC LOOP PRESSURE 1800 130
PIPE DIAMETER (IN.) 10 13
NUMBER OF TUBES REQUIRED IN ENGINE HEAT EXCHANGER 9792 4032
TUBE LENGTH (IN.) 21 237
' NUMBER OF BANKS OF TUBES 34 14
! WEIGHT OF ENGINE HEAT EXCHANGER (LBS) 20,600 9300
; VOLUME OF REACTOR HEAT EXCHANGER (CU FT) 18.72 as
| ] WEIGHT OF REACTOR HEAT EXCHANGER (LB) 2700 650
: PRESSURE DROP IN FLUID (PSI) 14.1 24
! SEC. LOOP TOTAL
PRI LOOP HEAT EXCHANGER CORE 73 13
‘! SEC LOOP PUMPING POWER (HP) [
2-PIPE 681 121
,' CONCENTRIC 782 123

The next parameter to be calculated is the pressure drop of the helium as it transits the heat
exchanger core. To accomplish this, the friction factor must first be defined.

frg = 0.184 (Reg) 02 0(7.2.1-12) (Ref. 129, p. 191)

- o el e

Using this friction factor and previously calculated parameters, the pressure drop can be
determined.

L vig
A Pas = fps Pas 5~ 5 (7.2.1-13) (Ref. 74, p. 163)
h <9
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To find the total pressure drop across the secondary side of the heat exchanger, the pressure
dropincurred in the manifolds must also be included. This pressure drop is defined as follows:

vis
A Pms = 0.595 ppg E : (7.2.1-14) (Refs. 111, p.229,

59, p. 161)

Due to the higher average helium temperature on the primary side of the reactor heat
exchanger, there is a significant density change if 1800 psi is maintained as the operating
pressure. This primary side density can be calculated using the ideal gas law. In order to
maintain equal mass flow rates on both sides, the velocity of the helium in the primary loop
must be increased to compensate for the decreased density. The magnitude of this velocity
increase is approximately 10% over the secondary side velocity. The friction factor remains
constant on both sides since the Reynolds number is primarily sensitive to mass flow rate per
unitarea and not just to velocity alone. Therefore, frs= fnp.Th us, using the recalculated values
for the density and velocity, the primary side core pressure drop can be calculated using Eq.
7.2.1-13. Add the manifold pressure loss defined by Eq. 7.2.1-14 evaluated with the primary
side density and velocity to the primary side core pressure drop to get the total primary side
pressure drop. These pressure loss values are tabulated in Table 7.2.1.1-2.

Once the pressure drop is defined, the pumping power can be calculated.

Pumping power = A Ppg Af vpe : (7.2.1-15) (Ref. 129, p. 223)

7.2.2 LIQUIDMETAL REACTOR HEAT EXCHANGER: The analysis of the same design reactor
heat exchanger was also performed using NaK as the heat transfer fluid in both loops. The
specific NaK compound used was composed of 44% by weight of Potassium. The initial
difference in the analysis involved changing the physical property values of helium to those of
NaK. A summary of these values for helium and NaK is listed, for comparison purposes, in
Table 7.1.2-1. It was also assumed that the NaK maintained constant density on both sides of
the heat exchanger. Another change required in the NaK system was the use of a different
capacity rate ratio at the engine heat exchanger. This ratio was derived from the liquid metal
system developed in Ref. 111. Once these parameters were changed, the same methodology
was used in thé reactor heat exchanger except for the calculation of the Stanton
number. To calculate N, for a liquid metal, a different relationship is required since there is a
significant conductive component as well as the convective component to consider. This
difference can be incorporated into the calculation of the Nusselt number.

Ny, = 7 + (0.025)(Re Pr)o-® (Ref. 74, p. 180)




Then, using the definition of the Stanton number, Ng¢ can be calculated.

I NNu
st RePr

(Ref. 74, p. 136)

Once these parameters were changed, the same methodology was used and the same key
parameters defined. Table 7.2.1.1-2 summarizes these.

7.3 PIPING SPECIFICATIONS

The piping in the secondary loop is required to conduct the heat transfer fluid from the
containment vessel out to the engines. The maximum temperature of this fluid is approxi-
mately 1600°F in the helium system and this occurs at the outlet side of the reactor heat
exchanger. The maximum temperature of the return fluid occurs at the outlet of the engine
heat exchanger in the indirect cycle and at the recuperator outlet in the direct cycle. This
temperature is approximately 1100°F. At ordinary temperatures, the stress-strain relations of
most engineering metals are independent of the duration of the loading. The temperature
regime that we are operating at in the pipes is approximately half the melting point tempera-
ture of the metals. In this temperature region, the metal deformation under constant load
increases significantly with time. This time-dependent deformation property is called creep
and it becomes the dominant factor to be considered in long duration, high temperature
strength of materials analyses. For this reason, this study and the studies of Westinghouse and
General Electric (Refs. 163 and 111), have used the creep-rupture stress defined at a 10,000
hour lifetime as the primary material selection criterion. Based on the temperatures stated,
Haynes 188 alloy was selected as the material for the heat transfer fluid supply pipe. The 10,000
hour creep-rupture stress value for this alloy at 1600°F is approximately 6000 psi. For the
return line at 1100°F, Inconel 718 was selected as the pipe material. Inconel 718 has a
creep-rupture stress at 10,000 hours at 1100°F of approximately 90,000 psi.

Using these two materials, this section will analyze two different piping configura-
tions. The first configuration uses two pipes, one as the supply line to carry the heat transfer
fluid out to the engine, and the other as the return line. Both pipes are insulated with a
sufficient thickness of alumina-silica blanket to insure that the maximum temperature occur-
ing at the outer edge of the insulating material is less than or equal to 100°F. To simplify the
calculations, and since the insulation weight was not a significant driving force of the overall
aircraft weight, only a single layer of a single material was used for the insulation calculations.
The actual thickness calculations can be found in Appendix A.7.1.

The second configuration uses a concentric arrangement where the supply pipe is
inside a larger diameter return line (See Figure 7.3.2-1). Only the outside pipe is insulated in
this configuration and the same 100°F temperature limit is used. The parameters of interestin
the analysis of these two systems are the overall pipe weight, the heat transfer fluid pressure
loss, and the pumping power required. Since the helium system operates at a higher pressure
than the NaK system, and since the gas flow will produce a higher pumping power require-
ment, the helium system is used as the vehicle in defining the methodology of the pipe
analysis.

e e
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7.3.1 TWO-PIPE CONFIGURATION: The first parameter that must be defined is the pipe
inside radius. The mass flow rate of the helium as defined in Section 7.1.1 is 70 Ib/sec. The two
parameters of pipe weight and pressure loss are inversely related to each other relative to the
heat transfer fluid velocity. For a given mass flow, as velocity increases, the pipe weight
decreases since the cross sectional flow area required decreases. However, as the velocity
increases, the pressure loss incurred by the heat transfer fluid increases, and since the
pumping power is proportional to the pressure loss, itincreases also. The relationship of these
parameters with increasing velocity is shown in Figure 7.3.1-1. The point of crossing of the two
curves yields the velocity where the combination of pumping power and pipe radius are
minimized and this value is used in the analysis as the velocity of the helium in the pipes. This
velocity in the supply line is 400 fps. Using this velocity, the required inner radius of a circular
pipe can be defined using Eq. 7.2.1-1,

s
R = ——e
T Phs Yhs
|
16000} 37000} — — - —
P,°. /
7, 12000} -~ 290.00}—
I & 3
2 H o*“
2 |8 ¢
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g g \
£ 3
2 «
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& s
H o ;
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\\
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Figure 7.3.1-1. Pipe Velocity vs Pipe Weight ancd Pump Power

Using the creep-rupture stress at 10,000 hrs as the working stress, and the helium operating
pressure of 1800 psi, the outer radius can be calculated using

—— stress + pressure
ma stress — pressure
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The difference yields the thickness of the pipe as follows:
Pipe thickness = 1.68 in.

Using this, the cross sectional area of metal can be calculated. The length of the pipe is
calculated as the total iength of pipe required to supply and return the heat transfer fluid from
all the engines. The pipe length parameters are caiculated using the geometry implied by the
foliowing assumptions (Ref. Section 4.2:2):

1) Engine diameter = 14 ft

2) Number of engines = 10 :

3) 31 ft from containment vessel wall to outside edge of inboard engines
4) No separation between engines on each wing

This total supply piping length required is 285 ft. Using this length and the metal cross
sectional area, the total weight of the supply pipes is defined by

Weight = area x length x density

For the helium case, this is approximately 65,000 Ibs. The next step is to use the same length

for the return pipes, but using the physical properties of inconel 718 to define the thickness
and density.

The strength of Inconel 718 operating at 70 Ib/sec and 1100°F allows the use of the thin-walled
cylinder equation to define the pipe thickness. The theoretical justifications for this can be
found in Reference 15, p. 14-16. In this, the creep-rupture stress is used as the limiting value for
the tangential stress component.

Thickness = Pressure x inner radius
Tangential Stress

Thus, the weight of the return pipe for the helium is approximately 3000 Ibs. Therefore for the

two-pipe configuration, the weight of piping required, sans insulation weight considerations,
is 68,000 Ibs.

The calculation of the second parameter of interest, the pressure loss of the heat transfer fluid
in the pipes, begins with Eq. 7.2.1-11 to determine the Reynolds number of the pipe fluid flow.
For helium, this is 3.7 x 10¢ and is in the turbulent flow region. Then use

tp = 0.184 (Rep,I 02 (7.3.1-1) (Re:. 129, 191)
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to determine the friction factor, fp,. Once this is determined, the pressure drop is defined by

L w
= Pt 4
A PPI = 'PI Phs -D—PI' 55— A (7.3.1-2) (Ref. 74, 163)

For the helium system in the two-pipe configuration, the total supply line pressure drop equals
2 psi per engine. In a similar manner, but using an increased density due to the cooler
operating temperature, and a reduced velocity to maintain a constant mass flow rate, the total
return line pressure drop is calculated to be 1.9 psi per engine. Thus the pumping power
required for the supply and return lines can be calculated using

Pumping power = A Py, A, vp, (7.3.1-3) (Ret. 129, 223)

where A, = cross sectional flow area in the pipes.

This resuits in a supply line requirement of 965 hp, and a return line requirement of 796 hp,
which yields an average pipe pumping requirement of 176 hp per engine.

7.3.2 CONCENTRIC CONFIGURATION: in this configuration, the analysis again uses Haynes
188 as the pipe material for the supply line and Inconel 718 for the return line. Figure 7.3.2-1
illustrates a cross sectional view of the concentric pipe configuration. In this configuration,
there is a transfer of thermal energy from the supply fluid through the pipe wall to the return
fluid. This changes the heat transfer fluid temperatures at the heat exchanger inlets and
outlets. The methodology to solve for these new temperatures begins with the same airside
parameters at the engine heat exchanger. Specifically, the air inlet temperature is 600°F, the
air outlet temperature is 1500°F, and the air mass flow is 200 Ibs/sec. Using these values and
Eq. 7.1.1-2, the secondary loop helium inlet temperature is calculated to be 1600°F. By
equating the heat transferred to the air, to the heat released by the secondary loop heat
transfer fluid, the secondary loop outlet temperature can be calculated to be 1082°F. Then, if
the radial heat loss experienced by the supply fluid as it transits the supply pipe is equated to
the radial heat gained by the return line fluid, the secondary loop fluid temperatures at the inlet
and outlet of the reactor heat exchanger can be calculated.

Secondary loop helium inlet = 1148°F
Secondary loop helium outlet = 1666°F

Once these temperature values are defined, Eq. 7.1.1-2 can again be used assurning a capacity
rate ratio of 1 and a 75% effective reactor heat exchanger to define the primary loop heat

transfer fluid temperatures. The primary loop inlet temperature

Primary loop helium inlet = 1839°F
Primary loop helium outlet= 1321°F
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ASSUMPTIONS:

1 - MASS FLOW RATE EQUAL
2 - MAX WORKING STRESS
INNER PIPE — HAYNES 188-6000 PSI
OUTER PIPE — INCONEL 718-90,000 PSI
3 - TOTAL CONCENTRIC PIPE LENGTH — 285 FT

Figure 7.3.2-1. Concentric Pipe Cross Section

To remain within the 1800°F temperature restriction, there are two alternatives. The first is to
change the effectiveness of the reactor heat exchanger to 79%. This will increase the overall
volume and weight, but will yield a maximum primary loop inlet temperature of 1800°F. The
other alternative is to keep the secondary loop mass fiow rate at 70 Ib/sec and increase the
primary loop mass flow rate to 76 ib/sec. This will result in an overall additional mass flow rate
of 60 Ib/sec required to be pumped through the primary loop and the reactor. This is almost
‘equal to the mass flow requirement that would resulit from the addition of another engine.
To find the weight of the concentric pipe system, begin by using the thin-walled cylinder
equation to define the outer pipe thickness since the ratio of the diameter to thickness is
greater than 10.

PR3

Pipe thickness = ——————
a “tangential

where: P = internal operating pressure

This results in a wall thickness of 0.13 in. Using a total pipe length of 285 ft, the outer pipe
weight is 5331 Ibs. For the inner pipe, using Haynes 188 at a negligible pressure differential
and an assumed thickness of 1/8"', the weight is 4150 Ibs. The 1/8" thickness is assumed in
order to provide a margin for the corrosive effects caused by the flow of the heat transfer tluid
on both sides of this pipe. Thus in the concentric configuration, the total pipe weight is 9481
Ibs.

The calculation of the pressure loss in this configuration required only the additional calcula-
tion of the pressure change for the return line since the supply line pressure change will be the
same as in the two-pipe configuration. The vuter pipe presents an enlarged surface area of
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contact to the heat transfer fluid. To compute the Reynolds number of the fldw in the return
line requires that an hydraulic diameter be calculated

Hydraulic Diameter = 4‘—? '
(Ref. 87, p.7)

where A = Cross sectional flow area
P = Wetted perimeter

Solving this equation using the helium system pipe parameters results in an hydraulic diame-
ter of 0.290 ft. Using this, the Reynolds number and the friction factor can be calculated. The
Reynolds number in the outer pipe is 1.40 x 10 which confirms turbulent flow conditions. The
pressure drop is calcuiated using Eq. 7.3.1-1, which results in:

A P, = 6.23 psi

Using this, the pumping power required in the outer pipe can be calculated using Eq. 7.3.1-3.
This calculation yields 2370 hp. Thus the total pumping power required by the concentric pipe
configuration is the sum of the inner pipe pumping power, which is equal to the supply line
requirement in the two-pipe configuration, plus 2370.

TABLE 7.3.2-1. PIPE PARAMETER SUMMARY

TWO-PIPE CONCENTRIC

WEIGHT (LBS)
HELIUM 67,982 12,217
NaK 12,149 13,734

PRESSURE DROP (PSI/ENGINE)
HELIUM 3.9 8.2

NaK 0.7 1.5

PUMPING POWER (HP/ENGINE)
HELIUM 176.1 333.5

NakK 4.0 7.6
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Total concentric pipe pumping power = 3335 hp

A summary comparison of the key parameter values for the concentric and the two-pipe
configuration are shown in Table 7.3.2-1.

Note that the pressure drop and the pumping power figures for the concentric pipe
configuration do not include any allowance for supporting structures between the inner and
outer pipes. These structures will increase the stated values. This study did notdo an in-depth
analysis of available or projected pump hardware. However in Section 6.2 the specific weight
of comparable turbomachinery is developed for gas applications and in Section 7.5 for liquid
metal applications.

7.4 ENGINE HEAT EXCHANGERS

The heat exchangers in the secondary coolant loop are varied in functional uses. In the
indirect cycle, the heat exchanger transfers heat from the coolant or working fluid to the air
passing through the turbofan engine. It, in effect, replaces the chemical fuel as the heat
source. The secondary loop of the direct cycle contains two heat exchangers. One s similar to
the indirect cycle heat exchanger in that it transfers heat to the air. It is used to dump heat to
lower the compressor inlet temperature, thus raising the thermal efficiency. The second heat
exchanger in the secondary loop of the direct cycle is the recuperator. It exchanges heat
between the working fluid, after it leaves the turbine, and the same fluid after it leaves the
compressor. This enables the working fluid to enter the primary heat exchanger at a higher
temperature, therefore requiring less reactor power4to heat the fluid to its required output
temperature. Two heat exchangers were designed for the indirect cycle since both liquid
metal and helium were compared as the working fluid. In the direct cycle system which
expands high temperature helium over a turbine, the heat exchangers were designed for the
same mass flow so that a comparison between the direct and indirect cycles could easily be
made.

7.4.1 INDIRECT CYCLE HEAT EXCHANGERS

7.4.1.1 LIQUID METAL SYSTEM: In April 1974, the Air Force Aero Propulsion
Laboratory received from the General Electric Company, Energy Systems Program, the final
report on a study entitled Liquid Metal-to-Air Heat Exchanger Design Study(Ref. 111). The heat
exchanger was designed to use a sodium-potassium liquid metal mixture for its working fluid
and transfer enough heat to power a 60,000 Ib takeoff thrust turbofan engine. The engine
would be used to power a 1,000,000 Ib/gross weight nuclear powered aircraft. In addition, the
heat exchanger was engineered to have a 10,000 hour lifetime. The resuits of the contactor
study were reviewed to determine their suitability for the aircraftin this design study. After the
review and a conference with the contractor, it was decided to use the contractor designed
heat exchanger for the liquid metal system and then design a comparable heat exchanger for
the high temperature gas system.

A summary of the General Electric report shows their heat exchanger, which was
engineered to have an effectiveness of 90%, is a wrap-around, cross-counterflow, finned-tube

7-30




o~ o e ————

g T S . R

design. The 0.25 inch outside diameter tubes have 30 fins per inch and are tabricated from
Haynes Alloy No. 188 (Ref. 111, p. 33).

Figure 7.4.1.1-1 shows the general arrangement of the heat exchanger. Air from the
engine compressor would enter from the center and flow radially outward through the heat
exchanger. Figures 7.4.1.1-2 through 7.4.1.1-4 depict the geometry of the heat exchanger.
Table 7.4.1.1-1 gives the construction parameters. The integration of the heat exchanger with

a 60,000 Ib takeoff thrust class turbofan engine and the air flow through the engine and heat
exchanger are shown in Figures 7.4.1.1-5 and 7.4.1.1-6.

INDIVIDUAL
MODULES

NaK OUTLET HEADER

NaK INLET HEADER

Figure 7.4.1.1-1. Wrap Around Heat Exchanger Assembly (Ref. 111, p. 69)
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NaK IN TUBES

¢
%’k
RECTANGULAR GEOMETRY
AIR FLOW
DEPTH
AIR FLOW

NaK IN TUBES

1 "D en = NO-FLOW LENGTH
AIR FLOW

DEPTH

P

RECTANGULAR GEOMETRY AS TRANSFOFMED
TO THE CYLINDRICAL AXIAL-TUBE DESIGN

Figure 7.4.1.1-2. Cross-Counterflow Arrangements-with Two Passes on the NaK Side (Ref.
111, p. 95) '
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Figure 7.4.1.1-3. Geometry of Helical Disc Fins on Round Tubes (Ref. 111, p. 97)




The weight added to the engine for the complete hzat exchanger assembly is given in
. the following breakdown (Ibs):

[

[ Finned Tube Heat Exchanger 7000

Inlet Manifold 800

Outlet Manifold 900

' Header Ducts 600

I Total 9300

| (Ref 111, p.48)
1
i
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TABLE 7.4.1.1-1. HEAT EXCHANGER CONSTRUCTION PARAMETERS

(REF. 111, P. 33)

CONFIGURATION STAGGERED ARRAY
TUBE SIZE (IN.) 0.25 OD
WALL THICKNESS (IN.) 0.031
AVERAGE TRANSVERSE TUBE PITCH (Py) (IN.) 0.625
LONGITUDINAL TUBE PITCH (PQ) (IN.) 0.45
FIN CONFIGURATION 30 FINS/IN. X 0.010 IN. THICK
FIN DIAMETER (dg;,)) (IN.) 0.44
MATERIAL HAYNES ALLOY-188
NUMBER OF TUBES 4032
AIR FLOW LENGTH OF TUBES (IN.) 23.7
PRESSURE DROP (PSI) 10.67
WEIGHT OF HEAT EXCHANGER (LBS) 4 9300

> s ' e

—

Figure 7.4.1.1-5. Air Flow through Nuclear Engine (Ref. 111, p. 269)

7.4.1.2 HIGH TEMPERATURE GAS SYSTEM: For the design of the helium gas heat
exchanger, it was decided to use the same basic layout as the liquid metal heat exchanger.
Due to the different working fluids with their different specific heats, a direct conversion of the

liquid metal heat exchanger to helium was found to be impossible, therefore a complete
redesign was undertaken.

In the design of the gas heat exchanger, several variable conditions had to be
considered. The three major ones were air mass flow through the heat exchanger, the capacity

ratio of the heat exchanger, and the velocity (v,) of the gas through the tubes which make up
the heat exchanger.
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Figure 7.4.1.1-6. Nuclear Turbofan Engine Layout Showing Heat Exchanger Manifolds (Ref.
111, p. 69)

To limit the major variables to two, the ve.. ity of the working fluid in the heat
exchanger was assumed to be 100 fps, since this velocity should give a low pressure loss. (Ref.
70). Further, to make a comparison with the liquid metal heat exchanger, a similar air mass

flow of 200 Ib/sec was initially assumed. The air mass flow would later be varied from 175 Ib/sec
to 350 Ib/sec to determine the optimum flow.

Using the same Haynes Alloy No. 188 tubing as the liquid metal heat exchanger with
an inside diameter 0.188 in., a tube cross sectional area (A¢) was calculated to be 0.028 sq
in.

The mass flow through one tube equals the total helium mass flow as calculated in
Section 7.0, divided by the number of tubes (N;):
rht e d f:ntht (7.41‘1)
And the mass flow is also defined by:

My = p Agv (7.4.1-2)

where:  p = density of helium

Equating Eq.‘7.4.1-1 and Eq. 7.4.1-2 and rearranging terms yields:

__h
p”tAt

N (7.4.1-3)
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A preliminary analysis of the system using a mass flow that transferred an amount of
heat equivalent to the liquid metal system yielded over 9000 tubes. This would make the gas
heat exchanger over twice as thick as the liquid metal orne and too large to install in an engine
of similar size as the one used in the liquid metal system.

To maintain a feasible diameter, it was decided to lengthen the engine and install two
heat exchangers, each one a mirror image of the other and each approximately the same size
of the liquid metal heat exchanger. Figure 7.4.1.2-1 shows the arrangement of the heat

exchangers. Note that they are fed by a common manifold placed betwzen the two heat
exchangers.

L_NJ__,_ — .

Figure 7.4.1.2-1. Helium Heat Exchanger Engine

Once the general configuration of the heat exchanger was determined, the remaining

heat transfer parameters could be calculated. From Eq. 7.2.1-7 the overall heat transfer
coefficient is:

1 1 1
Uy Thy
_\_Ntlere: hy = heat transfer coefficient of the helium side of the heat exchanger

h, = heat transter coefficient of the air side of the heat exchanger

The heat transfer coefficient, h,,. for turbulent, convective heat transfer is given in
Holman (Ref. 74) as one term in the definition of the dimensionless group, the Nusselt number.
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d is the inside diameter of the tube
k is the thermal conductivity of the fluid.

To confirm that the flow was in fact turbulent, a check of the Reynolds number was
performed. Holman states that if the Reynolds number given by

pv di

Rey, = ” (7.4.1-5) (Ref. 74, p. 128)

is greater than 2300, the flow is usually turbulent. Using the following values, p, = 0.373 Ib/cu
ft, up, =310 x 10 7 Ib/sec ft, and avelocity of 100 fps, the Reynolds number was computed to be
18,600. This is well within the turbulent regior:.

The empirical formula for Nusselt numt.er recommended by Dittus and Boelter and
presented in Holman is:

Nu = 0.023 Re%-8 pro-4 (7.4.1-6) (Ref. 74, p. 176)

where Pr is the Prandtl numner of helium.

Equating Egs. 7.4.1-4 and 7.4.1-6 and solving for h yields:

_ 0.023 Re®® Pro4 k
d;

hp, (7.4.1-7)

The helium side heat transfer coefficient hy, was then computed to be 1257 BTU/
hr-ft2-°F,

The air side heat transfer coefficient was calculated using data from Manson (Ref.

106) for finned tube heat exchangers which related Reynolds number to the dimensionless
j-factor. The j-factor is defined as:

2
o PEE (7.4.1-8) (Ref. 106, p. 157)
¢p Gmax

Rearranging terms gives a relationship for the air side heat transfer coefficient.

LIS (o
hy = pre (7.4.1-9)




.

il

where: cp = specific heat of air

Gmax = maximum mass flux of air between tubes = mass flow of air divided by
the fiow area between the tubes (A).

To calculate the flow area (A¢), one must know the length of the tubes (/) and the
distance between them. Refer to Figure 7.4.1.2-2 for an illustration of the area. At this point,
however, the tube length is not known. If the flow area were known, the mass flux and the air
side heat transfer coefficient (hy) could be calculated. With h, and the previously calculated
hp. the overall heat transfer coefficient could be calculated. From this, the heat transfer

surface area and then the tube length may be determined. Thus a paradox emerges: the
tube length is used to calculate the tube length.

FLOW AREA IS SUM
OF THESE AREAS
BETWEEN TUBES

AIR FLOW INTO PAGE

Figure 7.4.1.2-2. Section of Heat Exchanger Looking in Direction of Air Flow

This discrepancy was resolved by assuming an initial value for the tube length (x) of

—— . a—— a——

25 in. then completing the calculations through the determination of the tube length (¢). x and
¢ were compared and if there was greater than 1 in. difference, 1 in. was added to or subtracted
from x and the calculations made again until there was less than 1 in difference. This iterative
process was performed by a computer. The logic diagram for the process is in Appendix 7.2.

Manson's data relating Reynolds number for air flow over banks of finned tubes to
j-factor was found by Marvin to fit a straight line in the Reynolds number region in question

(Ref. 111, p. 106). The following relationship was then derived:

j = exp[-1.874 -0.353 In (Re) ]

(7.4.1-10)
The Reynolds number Manson used was determined by the following:
G dT
Ao = —e L&V (7.4.1-11) (Ref. 106, p. 105)
e Ty
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where: Tav is the average temperature

Ty is the film temperature
| g is the viscosity of the air on the fins at the film temperature
di is the Jameson diameter, an equivalent diameter for finned tubes. Jame-

son defines this diameter as:

2b(b + t)
d =D+ —— 7.4.1-12) (Ref. 106, p. 85
) 6§+2b+t ( ) (Re o
’ where b = fin height

, D = outside diameter of tube
I & = distance between fins
t = fin thickness

s .

Using the tube and fin dimensions from Table 7.4.1.1-1, Jameson diameter was calculated
to be 0.0283 in.

e

Standard equations for average and film temperature were used.

s

et A ————— - e =

it Tg, + Ts)
‘ Tav = - Tar e A5 Tim (7.4.1-13) (Ref. 70)
1
:l T T AT
; + - .
| T oS ! (7.4.1-14) (Ref. 70)
i ’
l '
where: Tsv T52 = inlet and outlet helium temperatures
! and A Tim = log mean temperature difference
i
3‘ AT, (Ts," Ta) - (T, - Ta) (7.4.1-15) (Ref. 74, p. 235)
m =
: [ (Ts,~ Tay) / (Tg, - Ta) ]
The temperatures were calculated to be: AT, = 242°F, T, = 1097°F, and T ¢= 1218°F.
f After several iterations to match the assumed tube !ength to the actual tube length so
! that the flow area could be accurately determined, G, ., was computed to be 12.7

Ib/sec-sq ft and the Reynolds number 11,850. With these factors determined, the j-factor could
s be calculated. It was found to be 0.00415.
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The air side heat transfer coetficient given by Eq. 7.4.1-9, h, = ic Gmax/Pr””. was

then calculated. With h, and the already calculated hy,, the overall heattransfer coefficient U
(Eq. 7.2.1-7) was calculated. The results of these calculations were:

hy = 81.6 BTU/hr-sq ft-°F
U = 76.1 BTU/hr-sq ft-°F

The remaining heat transter parameters were caiculated using the number of transfer
units (Ntu) — effectiveness method described in Kays and London (Ref. 87). The number of

transfer units is a nondimensional expression giving the relative heat transfer size of the heat
exchanger and is defined by:

Nty = o2 (7.4.1-16) (Ref. 87, p. 15)
Cmin
where: A= heat transfer surface area
Cmin = minir'num capacity rate of heat exchanger and given by C = rhcp.
In this case C i, = rha Cpa-
and U= overall heat transfer coefficient.

Figure 7.4.1.2-3 shows the asymptotic character of the relationship between effectiveness and
Ntu for given capacity ratios (C,in/Cmax)- When the number of transfer units is small the
effectiveness is low, and when the number of transfer units is large the effectiveness ap-
proaches ssymptotically a limit which is determined by the flow arrangement and the ther-
modynamic characteristics of the heat exchanger (Ref. 87, p. 15).

For most heat exchangers a zlosed form solution isimpossible and experimental data
must be used for the design. In the case of cross-flow heat exchangers with the fluids unmixed,
however, a closed form solution is possible. The solution and equations as presented in Kays

and London were used. (Ref. 87, p. 19). They first define a nondimensional parameter I' to
simplify their equations.

Cg
r=1-exp(- Ntu, —= ) (7.4.1-17) (Ref. 87, p. 19)
Cmax
where: Ntu,, is number of transfer units per pass.

y
The effectiveness per pass (£y) is then expressed in terms of I'.

' c
g,=1-exp (- l‘c—"la—"— ) (7.4.1-18) (Ref. 87, p. 19)

min
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For muiti-pass heat exchangers, the relationship between the effectiveness (€) and
the effectiveness per pass is given by:

el AR — s i

| e -1
' g2 _ Cmin (7.4.1-19) (Ref. 87, p. 20)
i max ‘

; / Crmin

; where: V-ey o (7.4.1-20)
!( R \/ . Smax

‘ = &y

Solving Eq. 7.4.1-20 for £ gives:

1 =
| ey & C——L (7.4.1-21)
min_ _ ¢
Cmax
{ Rearranging terms in Eq. 7.4.1-18 yields:
Cc
1 min
. I'=- In (1 - ¢) (7.4.1-22)
& max
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Similarly, with Eq. 7.4.1-17;

(7.4.1-23)

And finally for the 2-pass heat exchanger:

Ntu = 2 Ntu (7.4.1-24)

y

Equations 7.4.1-20 through Eq. 7.4.1-24 are used to calculate Ntu for a given effec-
tiveness and capacity ratio. With this information, the determination of the heat transfer
s}i):rface area and hence the tube length(¢)is possible. At this point, the computer iteration was
begun until the correct value for ¢ was found.

* TUBE
NR. TUBES 200 LENGTH

(IN.)

{UBE L‘“,G"‘/
. . D [e— _— :

04 05 0.6

Cmin/Cmax

Figure 7.4.1.2-4, Capacity Ratio Variations
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The heat transfer parameters for the gas heat exchanger have now been determined.
However, these are for one case only, using assumed values for capacity ratio and air mass
flow. The next step was to optimize these two parameters.

Computations were made for 31 different capacity ratios from 0.4 to 0.7 while holding
air mass flow constant at 200 Ib/sec. Figure 7.4.1.2-4 shows graphically the number of tubes
and the tube length for each capacity ratio.

To keep each half of the gas heat exchanger approximately the same size as the liquid
metal heat exchanger (4032 tubes, 23.7 in. long), the design goal became 8064 tubes each 23.7
in. long. A capacity ratio of 0.58 gave the closest results: 9792 tubes each 21 in. long.

Next, with the capacity ratio held fixed at 0.58, the air mass flow was varied from 200
Ib/sec to 300 Ib/sec. Figure 7.4.1.2-5 shows the change in number of tubes and tube length with
variations in air mass flow. At mass flows greater than 200 Ib/sec, the number of tubes
increases rapidly beyond the design goal. For this reason, the air mass flow was tentatively
placed at 200 Ib/sec. A check of the air side pressure -2 will be used to finally fix the figure.

15000 30

10000 L
5 Tuag TUBE

— Lengr,
NR. TUBES — ! = LENGTH

e N

5000 10

| |
200 250 300
AIR MASS FLOW (LB/SEC)

Figure 7.4.1.2-5, Air Mass Flow Variations

Determining the air side pressure drop first involved finding the friction factor (f,) of
the air over the finned tubes. Manson used empirical datato relate Reynolds number to friction
factor across finned tubes. The relationship derived was:

fa = exp [~ 0.755 - 0.16 In (Re)] (7.4.1-25) (Ref. 106, p. 157)
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Manson used the same expression for the Reynolds number in this case as ke did for the
j-tactor, Re = G35 dj Tav/s Ty (See Eq. 7.4.1-11). The air side friction factor was determined

to be 0.105. His expression for pressure drop was taken from Jameson's extensive research on
finned tube heat exchangers.

1 1 B 2

b 0.4 + — (max

APy =1 2324 \ — Ny ——

a ‘a (5) ,n’PT : ,i"PL 0 b2”a9
D D

(7.4.1-26) (Ref. 106, p. 111)
where: Ny is the number of banks of tubes the air passes over. Py and P|_are the

transverse and longitudinal pitch of the tubes (Refer to Fig. 7.4.1.1-3)

n, is the average air density in the heat exchanger core.

This pressure drop was calculated to be 2.5 psi.

To complete the airside pressure drop calculations, the pressure drop for the inlet
and outlet headers must be determined. London, with Klopfer and Wolf, has made theoretical
studies with extensive experimental verification in the field of obligue flow headers for heat
exchangers (Ref. 101). Figure 7.4.1.2-6 illustrates a heat exchanger with an oblique flow
header configuration. Their study indicates that a shaped inlet header is the best since it
provides the most uniform flow distribution in addition to a constant pressure drop across the
heat exchanger core. They further indicate that a box exit header has the smallest pressure
drop for any given exit area. Their equation for the total header pressure drop is:

p: 2
APy = [ 1.467P—;(-%) +1 ] H (7.4.1-27) (Ref. 101, p. 274)

where: p; and p, are the inlet and outlet air densities.

E/F is the ratio of the depths of the shaped inlet header and the box outlet
header.

and H is the inlet velocity head. The inlet and exit dimensions used were taken from Marvin's
heat exchanger study for a similar sized engine (Ref. 111, p. 223). Theywere: E = 3in.,and F =
4in.

The standard equation for velocity head was used.

p v
H= 29 (7.4.1-28) (Ref. 59, p. 161)

Using 0.1869 Ib/cu ft, the engine compressor outlet air density as the header inlet density, the
velocity head was calculated to be 1.21 psi. The header pressure drop was then calculated to
be 2.97 psi. The sum of this pressure drop with the core pressure drop of 2.5 psi gives a total air
side pressure drop of 5.47 psi.
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Figure 7.4.1.2-6. Schematic of Shaped Inlet Header with a Box Exit Header

Figure7.4.1.2-7 shows the airside pressure drop as a percent of the compressor outlet
pressure for the range of air mass flow variations. As indicated in Section 6.1.6, a 6% pressure
drop was desirable. This occurs at approximately 200 Ib/sec mass flow. In addition, as the
mass flow increases above 200 Ib/sec the percent pressure drop climbs quickly into an
infeasible regior. Thus, 200 Ib/sec mass flow was chosen as optimal.

AIRSIDE
PRESSURE DROP
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Figure 7.4.1.2-7. Mass Flow Air (Ibs/sec)

With the air mass flow and capacity ratio determined, the helium mass flow may be
determined and the sizing ofthe heat exchanger completed. The helium mass flow is given by:

Cmi C.; m, ¢
058 = _min_ _ ~air _ _a"pa

Cmax  Chelium Mp, Cph
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Rearranging te'ms yields:

M, Cpa

my =
h

69.4 = 70 Ib/sec

The fina! sizing of the heat exchanger then yielded twin heat exchanger assemblies,
each with 4896 finned tubes 21 in. long.

The heat transfer parameters were computed in their final form and are tabulated in
Table 7.4.1.2-1.

TABLE 7.4.1.2-1. HEAT TRANSFER PARAMETERS

> 0.9
& 0.74
r 0.778

Ny 5.19

The heat transfer surface area required was found using Eq. 7.4.1-16, Ntu = AU/Cmin.
Solving for the area yields A = Ntu Cmin/U. In his calculation of surface area, Marvin used a
15% Ntu safety factor to account for any unknown losses (Ref. 111, p 36). This safety factor

was applied and yields a design Ntu of 5.97. A slightly larger surface area results. The heat
transfer surface area is then:

A = (5.97)(200)(0.25)(3600)/76.1 = 14,120 sq ft
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