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The Case For Small Spacecraft:
An Integrated Perspective on Electric Propulsion

D. Barnharl*, R. Wojnar*,."D. Tilley*, and R. Spores!

Abstract

As economies of scalemre reduced in commercial and ]militry endeavors, and with the

international climate trending toward cooperation and stabilization, the aerospace industry today has

taken a decided turn toward deccreasing expenditures. This reduction in funding has challenged prqject
managers and engineers to reduce the overall size of spacecraft while still accomplishing the same or

similar tasks as larger spacecraft. Solutions to reconnaissance, environmental monitoring, and ground
imaging are now currently being demdnstrated by small satellites. Physical reductions in the size of

overall spacecraft have been accompanied by reductions in subsystems and components. All manor of
" subsystems including propulsion, command and data handling, telemetry and electrical power must

respond to the size challenge of smaller mass and volumetric requirements. This applies equally to
electric propulsion, Overall power requirements for a small satellite can be considered between 1.00-300
Watts for LEO/GEO missions, and between 300-650 Warts for long duration missions. This paper will
discuss the small satellite paradigm shift, unique approacbes to electric propulsion integration into small
satellite architectures, and develop a sample mission that focuses on enabling one of the "emerging
markets' for small satellites using electric propulsioh as the performancemerit enhancer.

Trend&

The reduction in aerospace funding levels have forced technologists to lower space mission
costs. This realization has resulted in mass, power and volume reductions in most spacecraft subsystem
elements., Current nomenclature designates three separate categories of satellites: large, small and
.mcro; although the specifications on each of these catagories fluctuatesdepending upon the mission and
the perspective of the definer. Figure I shows some of the characteristics of these satellite classes. The
nanosat, or satellite on a chip, is another clasS of satellite which has been proposed, although this may be
several years in the making.[1]

Of particular importance in today's envir6nment is the small and microsatellite classes (termed
small saellites for the remaining por-tion of this paper). A -large body -of information has been generated
over the past years on the merits of small - satellites for variety of missions.[2j Historically, small
satellites began their development back in the late '50s[3]. The Utah State Small Satellite Conference,
held now for the past 9 years, is a forum for the development and exchange of information specifically in
this field. Many previously known & unknown international programs have been launching small
satellites for a variety of LEO missions'for the past 10 years(4,5,6,7], and universities have used smal' ..
satellites as a means to demonstrate student-run initiatives in spacecraft education.1 9,',10] Small
satellites have a number of advanta'ges that are drivine botlh lar'2e 'arid si•tll comfipanies to invest into their
development. Developing markets for small satellites* include 'iremote * sensinl, ground-space-ground "
communications, store-forward comrunications; synthetic aperture roda imaeino, ind m6re. Multiple

spacecraft constellations have risen in importance over the past several. years, as finns vying for global
communication market dominance gain in momenti-m. Iridium, Odyssey, Globalstar, and Orbcomm are

-.all examples of multi-satellite c6hstellatidns that have identified a specific market niche in LEO spade-
based operation for ground-basedfapplicatiohns[ "t j.

The scientific community has enendered the support of siihall satellites to .accomodate both
much stiffer fiscal restrictions and shorter development times. A suec-essful example of the small satellite
philosophy was demonstrated by the Clementine missioh .successfully demonstrated by BMDO,[ 12 J

. NASA's New Millennium and Discover' series are both ecamples of a trend tow'ard smziller and faster
"missions for scientific. henfIt[! 3J. Tee Air Force Phillips Lah haF a number of' aclive inieresvs and

Ed!rs AU [20050907 044
Approved for public release; distribution unlimited



996

• Z ::,•.• -• -',j... . :. ..... .. . . . . .. .. .;. . - - . - ... -.... .. .. .. . .

driving developments in spacecraft technology and their application. MST[, Clementine, MightySat, and
ISTD are all initiatives to develop techniques and obtain data in specific arenas relating to imaging, data
fusion, communications and operations.

All of the above activities suggest that there is a growing market for small satellite propulsion.
This year several flight es:eriments and commercial systems will deploy with electtric propulsion (EP)
devices.[14] A trend has taken place over the last few years that has seen a muich wilder audience to
electric propulsion developments within, the commercial arena rather than the. military and government
arenas. This significance of status that electric propulsion has now reached should be maintained with
the growing small satellite market arena.

In some ways, small satellites are at a stage of relevance to the space industry as EP was several
years ago. Mission of merit traditionally set aside for large satellites can be approached through multiple
small satellite constellations. This presents an interesting and immediate opportunity for the EP
community to emphasize system-level integration of the electric propulsion subsystem elements into the
spacecraft architecture to increase the acceptance to levels of full reliance.

I
LARGE SAT' 5MAL SAT MICRO SAT
"National" Theater/Notional Theater
Very Few Handfull Very Many

$I00s at Millions 5 lOs at Millions $1 Millions
Long Life. Medium-Long Life. Short-Medium Life.

Figure I: Characteristics of the small satellite progression.

Mission Study

Although the usý of electric propulsion for small satellite missions has been discussed in a few
palers[l 5 ,l6 ,I",it], very little analysis has been published concerning the use of EP for LEO small
satellites applied to specified missions. The objective in this analysis will be to demonstrate performance
merit of electric propulsion applied to one such mission: LEO remote sensing satellites. . An apparent
application of electric propulsion is to significantly increase ground resolution by reducing the altitude of

a remote sensing satellite (of specified optical train) and by using high-specific impulse EP for drag
compensation. j 191

Remote sensing has rapidly become a commercially-viable endeavor with obvious strategic.
significance. In the commercial sector, increased resolution is a trend that has been on-going, and is
expected to continue for many years to come. Table I shows the characteristics of three LEO remote-



se-nsing satellites currently in orbit. Tnesea satellites are typiCally in Sun-synchronous orbits and have: a
design life in the 2-5 vear range (with State-of-the-art sa~tetlts trending, toward the 5--y-_n rangt).

Satellite BOL BOL Typical Ground Alt. Spe-cific 64 . Ip
Power Mass~kg) Wavelength P.esol. ckm Po3 Km) (Wý/,m 3 )

LANDSAT4 990 1941 0.6 30 705 -0.51 -7xl 0' 4x 10-
SPOT3 1382 -1900 0.6 10* 820 -0.73 -?Xl0 107 -Ix10 7

IRS-lA -700 -975 M. 72.5. 900 -0.72 -2x 109 -2.x109

Table I.- Examples of LEO remote Sensing (visible & IR) s,ýtellltes currently in orbit[ 20J

Within the next five years, even more capable commercial remote sensing so tellitcs wvill be placed
into Service, including SPOTS (Sm -resolution), World View (3m), and OR-BIMAGE (lIn). The
pre-occupation with resolution is underst~ndable considering that a factor of tw6 increase in resolution can
greatly enhanice identification capabilities.

As wihmost. missions, the enhanced Capability provided by the use of EP cant be realized in
many ways:

I)Significant mass, power. and cost savings associated w~ith the reduction in resoluttion requircements for
the optical payload. The scaling paramefer for optical payload mass (_d3). powexr (-(11). and cost(d]2
IS the aperture diameter (d). Furtbennore, the cost associated wvith the payload is I:encrztllv a sicitificant.
fraction of the total cost of the satellite. A ntice illustration of the magniutude of this cost is shown in the
FireSat oreliminarv design in the text by Larson and Wertz[. PeinayCost ýSjitjnjtCS shjoý%vd thatI
the JR oav load accounted for about 90% of the total hardware costsassociated wvith this remote senising
satellite concept[2]
2) Sianificant incr ease in payload ground resolution and satellite life.

3) Significant increase in payload caoabilit-y on features other than resolution, Such as the timunbcr of
soecu-al bands. dvn ,mic rang~e, stereo Imaging. swvatlt width, number of Sensors-, increased memiorv and
data Lra-rsnismsson capabilities. etc,

) inianreuto inluc cotbydownvsizing launch vehicles for a eliveni resolution
requirement.

Of course the se benefits need to be traded. wvith the added complexity, manss, and cost, associated
N\ I-th using electric propulsion: ad :diti~onal solar arrays, batteries, dry mass, contaminatmion is~tues, and as
vet, unidentified impacts on the spacecraft. Note also that such penalties art, usually compensated
somewhatiby the fact that the launcher can throw more mass into low-er orbits. WAe plan to focus on these
bene-fits by first examining the most tractable of themi: increased resoltution- iii particular for satellites
launiched from a Pegasus-class launch vehicle.

Analysis

The following is a first-order mission analysis to quantify the benefits of tising electric proptulsiont
to increase the resolution of a Pegasus-class rcinotc-scasing (visible and IR) satlclite. To this end, we
assumed that the satellite wNill be designed from the ground-up. fully. cnap~ble to produice marketable
images and fuly implementing EP to' maximize ground resolution, and with nto regard to cost. In this
Sect ion, the eouations used in) this analysis-are reviewved.

First, we write expressions for the mass (A,'lw) and power (TPSC) associated witht tile spaicccraft:

* p~s bf ~4-A! =f (h)

P" Cp p (2)



where Mp! and Ppl are the mass and power associatcd with the optical payload and all supporting
components of the space-rafl such as ADCS, thernal, structure, C&DH, comununicationis, and the power

subsystem (other than tie solar arrays for the payload and EP system, and battcries for the EP system). In

other words, k¼p and Pp/ account for the mass and power associated with all subsysicms except the solar

arrays and the electric propulsion system. Msa is the mass of the solar array, 3fbt is additional battery

mass required for the EP system. Adry is the dry mass of the propulsion sysicin. Hfp is the propellant

mass, and Pep is the power associated -ith the EP system. Equation I also shows thit the total spacecraft

mass is equal to the sun-synchronous launching capability of the Pegasus XL. which is obtained from the

Pegasus Payload User's Guide[21t.
Remote sensing satellites, such as LANDSAT, typically have many instruments, with.multiple

capabilities optimized for various missions. A mission analysis which includes the details of the payload

design is obviously beyond the scope of this study. To male the analysis tractable, it is assumed that the

payload mass and power are proportional to the cube of the aperture diameter. Such an expression is good

for first-cut estimates of optical payload ctiaracieristics[ 21; furthermore, we have also assumed that the

mass of the supporting subsystems are proportional to the optical payload mass. The apcrture diameter
can be related to the ground resolution of the imaging system using the standard expression for
diffraction-limited ground resolution at nadir[2]:

R h- =z -- (3)
A d

where R is the ground resolution at a given wavelength, h,/h is the altitude, and d is the aperture diameter
of the imaging payload. With equadton 3, and the above assumptions, the following expressions are used
.to relate MpI and PpI to'R:

3 h h)VI -4 V'.PI a p (4)
- RU 'kRI2)

P.,- d t, . RIA) s RI), )(5)-LRIZJ--RI)

Thus api arid 8DI reflect the capabilities of the optical payload and supporlting hardware; t-pical values

are estimated in Table 1. The functional form of equations 4 and .5 are impoitant assuinptions of thle
model, and are essential for accounting for unknown details associated with the payload. Also note that
the values tabulated in Table I vary by as much as two orders of magnitude among the diffcrent satellites.

As will be shown later, .the results of this study are not dependent on apI and ,6pi, but on their ratio: fl

Iap/. This ratio is equal to the specific mass of a standard remote-sensing satellite (without EP), which is
typically on the order of one.

The solar array mass,.s s,, and area, A, are determined from the following standard relations and

by assuming no degradation (this assumption can easily be relaxed).

=-(6) A =.,-+A 0  (7)

where asa is the specific power and 8sa is the specific area of the solar array, anid A0 is the average
frontal area of the spacecraft, assumed to be 1 1112. For this study, q.¢=40 Wikg and f.va=140 'W/m 2 ,
which are typical BOL performance figures for a conventional planer silicon array[-J. The power
required and mass of the electric propulsion system can be obtained from the following expressions:

V , L (8) A-S = 0 apA Sp (9) Pp = (It)gj.,n 2 q7 q,,•



Awhere g is the gravitational constani equal to 9.81 nVscc2. Js.p and Tare thc specific intplse and thrust of
the propulsion dcvicc. a' and ap are constants. The cfficiency of thc thruster and power proccssing unit

TPU) are represented by: ill and 'ippu. rL is the dcsign life of the satcllitc, andJf is the fraction of the
orbit that the thruster is operating, ranging from I at the minimum altitude (continous (hrusting) to very
small values at large altitudes. "j' is used to account for the use of batteries to store Ihe energy required to
operate the thruster (more 0ill be discussed on this topic later).

The battery mass is calculated using the following expression[2-]:

Tgjp 
()

2 7jp 7h rp~natDOD

where qbat is the transmissioni efficiency between the battery and PPU (assumed equal to 0.9), n is the
what we have termed the battery loading factor (more to be discussed on this later), abat is the specific
power of the battery, (assumed to ba conventional NiCd, 30 W-hlrlkg), tv is the orbital period
(tp=2i:u/112[Re+h]112 , but assumed to be equal to 90 min for this study), ajid DOD is the depth of
discharge of the battery:

DOD = 1.457 - 0.122 In(# of charging cycles) 500•< cycles!< 300,000

This expression was obtained from a line-fit of figure 11-Il of reference 2. For this study:

DOD=l.4 57-0.122 I(flkLIJ (12)

When the battery loading factor, n, is equal to one, it corresponds to the case where the thnstler is fired for
1.5 hours every 1,5/r hours. There is benefit to operating the thruster more often for shoncr periods of
time (to save batter)y mass): so n=2 corresponds to the case wyhen the thnmster is fired 25 mlLnutes every
0.75,"t hours. 45 minutes was assumed. to be the minimiuntini firing time to netlecst .d ioccs of start-up
transients on thruster perfornance (for the SPT, ion engine, and arcjel). Battene mass can be icelected
(n -+ cc) for thrusters which can be pulsed or operated over much shorter time periods. such as the
resistojet and pulsed plasma thruster.

For this study. jl' can be many values depending on the situation. When fl is se equal to 1.
additional solar arrays are added to allow for thruasta operation at full power at alty time the solar arrays
can produce power. This condition represents the worst-case scenario concerning the use of EP on the
LEQ satellite; in many cases the drag on the satellite can be significantly reduced by the use of batteries to
store energy from smaller solar arrays. Note that for this case nis set equal to infinity to account for the

(fact that batteries are not used for this situation (Abar=0). Settingft'=0. and n=Xc represents the case
where conventional chemical thrusters are used (such as lo,'-thrust hydrazine thntstersi. When batteries
are used:

, l(13)

wherefe is the fraction of the orbit in eclipse. T-picalkyfe. is near its maximunm (ata' given altitude) for
remote sensing satellites. We assumed/fe to be constant and equal to 0.37, whitch is a. good average
estimate of the maximum eclipse fraction for altitudes belov 1000 km. Note also that the use of existing
batteries and/or by allowing the thruster to fire while tbe payload is off (such as over oceans) suggests that
ft' could actually be smaller.

Tie design life of the satellite is determinied from the following relation:

.(\-hr
L1 A,



where N is the number of thrusters used serially for drag iakeup (N=l for this study), and r* is thcir
operating life (which is limited by their design life). The design life of the saietlitc is considered the time
for expellation of all propellant. At that point, the spacecraft's orbit will begin to dccay, which will alter
.the timing associated with the ground track, and cause other assorted problems. Note that for
conventional remote-sensing satellites, it is not the loss of slationkceping propcliant which is the life-
limiter, but typically the life of components in the payload or spacecraft bus.

The final expression to consider is that for the drag on the satellite. Assuming that the satellite
maintains a circular orbit, the expression for the drag force FD on a satellite is:-

F=D-p h) - CA A=TJ, (15)
2 h +R,

where pglh) is the mass density at altitude h, a and Re are the gravitational parameter and radius of the
earth respectively, and A is determined from equation 7. Cd is the drag coefficient, which is generally on
the order of one[ 2], and we will assume to be 2.2. Although it neglects lateral drag effects, the use of
equation 7 to determine A is a conservative assumption, considering that the orientations of the solar
arrays and satellite with respect to the velocity vector are continually changing throughout the orbit, and
equation 7 represents the mawimunm area.

"Tne 1976 U.S. standard atmosphere was used to determine the mass dcnsity versus altitude,
although the mission-averaged density can change considerably depending when the launch date is with
respect to the 11-year solar cycle and on the satellite design life. Such a model represents the average
mass density profile, and actually the results of this study are not sensitive to factor of ten increases in
density because of the exponential nature of the profile (the satellite design orbit can be increased slightly,
with a corresponding small drop in ground resolution).

The above equations can easily be combined into two equations for two unknowns: h and R/2.
With some additional algebra, the fol.1wing trwo equations can be derived:

forh: h I (8,jj + ± ,+fl6,.Ao) (16)

where:

P(h)AI~d
2= Tf,.(h +)•1,

-2 -3 - (CP Ptjf ( ai'" 3(
Tf, gi, TgI spt ,f 2 =(19) 19 = (20).2 77 r , 2 a b ., ? , 77 b nD O D(

where eauation 16 is solved by iteration forh hand forR1

R h
,/3 (21)

A more elegant way to showing the benefits of EP for remote-scnsing satellites is to non-
dimensionalize equation 21 wiith the resolution of a remote-sensing satellite which does not incorporate
electric propulsion. From equation 4:



- •100-1

R a(22)

"For instance, assurming h0=800 km and apF-lxl08'kg/jn 3: Af.sc(8gOOkm)=206 ks] 19], and (R/2,)0=63

m:-- ni. These assumptions suggest that a Pcgasus-class remote sensing satellite, launched to a long-life

"orbit of 800 kin. has the capability to obtain a ground resolution of about 40 in at 0.6 11m. Using equation

.22, we arenow interested in maximizing (smaller R corresponds to highcr ground resolution) the

following ratio:

RO ja$ \ ho Y M (h) -M h (23)
R A~fM,(ho) h1 H,ý 0 (h h (3

The second relation shows that there are two ways that EP is used to increase grournd resolution.

The first by reducing the altitude, and the second by the fact that at lower altitudes the launcher can put a

more capable (and heavier) payload into orbit. Note tiat the ability to put a more capable payload into a
lower orbit has only a secondary effect on resolution because the wet mass and additional solar array mass
associated with the EP system reduces this benefit, and also by the fact that the resolution is impacted by

only the cube root of this factor. Another benefit of using equation 23 to present thie rdsults of this study is

that the resolution ratio is independent of the values of apI and ,8pl, and depeindent only" on the ratio
fl/apl. This ratio is much easier to estimate (values are shown in table 1), since it is equal to the specific

mass of a remote sensing satellite that does not implement EP. For this study, Op"//p was assumed to be
equal to 0.75.

Results

The following thruster technologies were examined for tie remote sensing application: the Hall
thruster, the ion eigine, the pulsed plasma thruster, the hydrazine arcjet, resistoJet. and monopropellant
engine. Shown in Table 2, are representative examples of each thruster, along with their nominal
operating parameters (which were also used as inputs in the mission model). These parameters can be
found in the following referencesf t s, 22,23,24,25' 6,2 - 2t 1. The dry masses include evcrything associated
with the propulsion system except the propellant: propellant system, PPU, gimbal, thrustcr, etc., plus 20%
to account for structure, harness,, plumbing, and margin. Note that xo0 is also calculated for each
propulsion syster-i implemented with a redundant thruster.

XIPS Pulsed NJ-l I I ,IR-501 500W"SPT-50 SPT-70 13-cm Plasma 0.45-lbf N2H4 N2H4

Thnister N2H4 EHT Arcjet
Manufacturer ISTI ISTI Hughes Lab OAC OAC Lab

Power to thruster (W) 300 650 439 I50 --- 350( 500
Thrust T (inN) 19 - 40 18 4.6 2(00t0 .190 79

Thrust Efflicienc-y. qt 0.37 0.46 (1.52 r. 15 .... 0.76 0.33
PPU Efficiency, rtppu 0.93 0.93 0.88 0.85 1.0 0.90
Specific Impulse, Isp (see) 1200 1510 2585 1000 .220 300 42.5
Max. Thruster Life (hrs) 2000 3100 120000 1200 40 500t 1200

ap 0.12 0.12 {t.12 0.0 0,09 0.{t9 0.09
ao (N=I) (kg) 13.4 16.2 22.2 5.4 3.8 4.5 6.6
a.O0 (%wrcdund. thnister) (ka) 19;2 23.0 39.2 12.8 5.5 6.7 11.0

Table 2: Nominal peiformance characteristics of the thrustcr tecltnolocies examined in this study.
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The desired output of this study is a plot (for each thruster) of the.rcsolulion ratio (equation 23)

as, a fiunction of satellite design life. With the inputs from table 2, we now have all of the parameters

needed for this study, except forf. and l-*. ft was varied from I-fe to 0. which is cqivNlcn1 to varying the

satellite design life with e fixed (see eq. 11). -*was varied from the maximum thnrster life, tabulated in

Table 2, to zero. Within this range, a maximum in the resolution ratio is expected because 'hen.* is ,ery
small, the thruster has a small total impulse capability, and thus the satcllite is placed in a relatively high
altitude where the thruster operates infrequently enough to sattisfy satcllilc design life requirements. At
the other extreme, a thruster may have a total impulse capability which is much geaier than needed for
the mission, which allows for very low altitudes, but also corresponds to excessive propellant mass useage.
The above optimization was performed for the SPT-50, SPT-70, XIPS, and 500W arcjet.

The chemical thruster represents a special case (ft'= and n = ), where equation 16 becomes a

function of the total impulse of the thruster, Tr*. In this case, it is straightfonvard to show that an

optimum Tr* exists to obtain a maximum resolution ratio. At low altitudes, corresponding to high total
impulse, and the propellant mass is extremely high. (taking capability away from the optical payload); as
the total impulse decreases, the propellant mass decreases, but the altitude grows (reducing resolution).

The PPT and resistojet (MvR-501 E-IT) are unique in that they can be operaiedfor very short time
periods without affecting performance. For these technologies, the battery requirements are small (n
assumed to be infinity); and like the chemical thruster, the resolution ratid becomes a fimetion of the total
impulse only.

Figure 2 shows (RF./R) versuis "rL for all thruster technologies assuming ftpl-"pw=0.7 5, and N=1
(no redundant thruster). When maximizing ground resolution.. the benefits of using EP compared to, a
hvdrazine thruster appear small compared to the overall increase in gaound resolution obuained by
reducing the altitude of the standard remote sensing satellite. The ground resolution is relatively
insensitive to thruster performance primarily due to the exponential variation of the density with altitude.
For example, replacing a monoprop with a XIPS on a 5-year satellite, increases ground resolution by only
11%, in part from reducing the altitude fromri331 km to 319 km. Table 3 shows a mass breakout for all of
the telhnologies for a 5 year design life.

3.3 "

3.9 **- -:ý<

2. --

23 Monoprnp

- ~ .A~rtjct

1.7 .

0.6 1.1 1.6 2.1 2.6 3.1 3.6 4.1 4.6 5.1

"seaellite Dfoir n Lioeh'etrsd

Figure 2: Resolution ratio for various thruster technologies versus sm•cllite design life



XIPS) XIPS Arcjct Monlo- PPT EF-T
SPT-S70 SPT- (wI/bat) (w/o p rqp

70 bat)

Spacecraft Mass(kg) 1305.2 317.0 319.6 31-5.0 316.4 3J2. 5 2S 1. 1 316.7

Pavload Mass(kg) 255. 1 217.2 203.1 2A 1. 5 18U. 195i.9 268.5 188.5

Solar Array Mass(kg) 5.4 6.2 9.8 .. ' 17,0 4.2 3.7 5.2 3.7

Batter Massftkg) 18.3 43.6 50.2 0.0 277 00 0.0 --0(0

Prop. Sys. Dry Mass(kg) 14.8 19.8 25.9 25.9 14.0 11281 5. 4 14.4

Propellant Mass (kg) 11.6 30.1 30.7 30.7 81.9 100(.0) 2.0 11.0.1

A-rray Power for EP(W) 26.4 86.-7 2375 498.8 26.4 0.0 8.4 7.0

Arry Power for PfL(W) 191.3 162.9 152.3 181.1 141.ý6 147(0 201.3 141.4

AJtitude(kxn) 363 311 299 319 313 331 469 .312

ft 0.046 .0.071 0.27 0.275 0.027 0.0009 0.027 0.0114

0.423 0.392 0.376 0.379 A0403 0.4120 0.537 0.402

Table 3: Mass breakout fo .r propulsion syslems studied (5 year satellite design life)

Ultimately, The satellite designer will have to specify a minimum111 ground resolution, altitude. and

design life. Rather than striving for maxirnuni resolution,' other benefits can bc rcalized by using EP

instead of thernica1 thrusters. Figure 2 shows that' at a fix~ed resolution, the saidllite desien. life tan be

siganificantly increased by using EP.. For instance, for (R.0/Rp= 2. 8 the hydrazine monoprop can provide a
satellite life of about 2 years, while the use of the XIPS (-2 years), SPT-70 (± 1.5 ycars), and rcsislojet

(+0.5 years) can -extend the design life considerably. As typical satellite design Ili fes increase to 5 years

anid beyond. EP's advanaotag over chemical propulsion is even greater.

Mono- EHT SP-70 1 XPSz

____________________bat)

1SpacecratMlass(kcg) 312.5 312.5 312.5 312.5
IPay loaid Mass(Irg) 195.9 195.9 195.9 1.95.9

Solar Array Mass(kR) 3.7 3.8 4.9 16. 1

Battery Mass(kg) 0.0 ---0.0 37.7 .. 0.0

Prop. Sys. Dry Mass(ko) 12?,8 11.2 18.2 25.0
Propellant Mass (k-g) 100.0 74.3. 17.0 23.4

.-jkray Power for EP(W) 0.0 4.7 48.9 . 498.84
Array Power for PIL(W) 147.0 147.0 147.t0 1417.0

Altitude~km) 331 331 .331 .331

f. 0.0009 0.0077 .0.04 0.21
0.42 0.42 0.42 0.42 i

Margin(kg) 0.0 27.3 3 8.-8 - 52.1
M-a'rgin w/red. thnzster(Kg) --- 25.1 32.0 3~

Table 4:% Mass margin using electric propulsion versus chicinical propulsion svsteJI!-

Again, if we Fix the resolution requirement, %%e can also calculate the rcris in pay ldad mass

associated with the use of EP instead of chemical thrusters. Showni in Table 4. is ;I-- ns hreikou't for a



S"100# 4

satellite (5 year design life) which has the same optical payload, altitude, and thus resolution of the
chemical option. This table shows that the use of a XIPS results in a 27% increase in payload mass. Such
an increase in mass can be used to increase payload capabilities other than rcs61ution, and/or for
additional propellant for margin to protect against anomalous solar events, and/or to provide for a
redundant thruster. The EHT is particularly attractive, providing a 14% incrcase in payl'oad mass .i'ith
only an additional 5 W of power, and with negligible battery requirements:

New Concents

Remote sensing is just one mission that can benefit from electric propulsion. In assessing the
performance merits of EP, several integration concepts could potentially increase the viability against
chemical systems. Although not analyzed for gainsllosses versus the standard model on remote sensing
here, these are presented as performance enhancers thatcould be used for this mission and others.

Direct Drive: Proposed by Hamley of the NASA-Lewis Research Center[29], the direct drive option
represents a mode of operatioh where the thruster is* operated directly off the solar array. Such a
configuration allows for more efficient power useage, and significant reductions in PPU, harness, and
thermal system mass. Although this option is only viable for the V-I characteristics of the SPT, it does
warrant further examination for small satellite missions.

New Prooellants: The use of EP on small satellites reopens the use of new propellants to provide unique

mission benefits. For the arcjet, the use df ammonia not only provides increased performance, bot muchbetter ground handling characteristics. Such benefits were paramount in the decision to use an ammonia
arcject on the AMSAT-P3-D satellite[30]. Other propellants, such as C60 for the ion engine, and

possibly methane for the arcjet require more investigation.

Interated.Pronulsion Structure: This option would integrate the propulsion tankage and tubing to the
structure of the spacecraft. Precedent has been set in small vehicle designs for KKVs where the high
pressure toroidal tanks were used as circular stabilizers to the structural stiffness of the entire vehicle.
For EP, tubing can be machined integral to the sidewalls of the structure, avoiding external appendages
and lowering volumetric requirements. Again this approach would lower the overall mass booked
directly against the EP subsystem•.. This option also applies direcily tochemical and cold-gas propulsion
systems.

Dual Mode Systemus: An option that combines high thrust/low Isp, coupled with low thrust/high Isp
systems would offer extended operating regimes for some missions. The PPT is one example of a
propulsion system which can upgrade at power/thrust levels which are orders of magnitude apart. For
higher thrust requirements another approach would be to couple into a single unit two separate systems.
Clever geometry's might unite an ion engine with an arcjet. Creative layout of cathode/anode
arrangement may offer coupled high/low Isp/thrust systems. Current dual use mentality uses an electric
propulsioni/liquid approach. Replacing •this combination with an all electric system, that has a capability
close to that of the liquid system, as well as the longer life provided by the EP device could prove
attractive for smaller satellites.

Conclusion

Although advanced research in higher efficiency EP devices is ongoing and should be pursued,
additional design and development efforts focussing on an integrated perspective on EP to spacecraft mfay
help carry the industry into the next century. Using integrated ideas, dual use modes, and direct drive
systems enhances the capability of electric propulsion to handle larger constellations of small satellites in
a very cost efficient and mass efficient manner.

The concept of striving todevelop a technology for a target market is far from new. The-intent
of this paper is to stiinulate a new type of thinking for electric propulsion technologists, and to focus'



efforts on a sp .ecific arena that EP ca-n have adirect imipact. Tht remote sensing mission was examlined in

this paper, but is certainly not the most compelling market opportunity. The explosion in proposed,
corr-Lrnercial small satellite constellations presents an opportunity to get in on the -,round floor in the

design trade process. A concerted effort now by electric propulsion te-chnolocgies to address the heeds

and re~uiremnent.S of SMall Satellites Can afford a performnance enhancement for both flelds.
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