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SUMMARY

A computational method for unsteady aerodynamics of fighter
configurations at high angles of attack is developed. The leading-
edge vortices are represented by free vortex filaments which are
adjusted iteratively to satisfy the force-free condition. The
small-disturbance, unsteady potential equation is solved in
frequency domain for motions in pitching, plunging, flapping, side
movement, rolling, and yawing oscillation in compressible flow.
Computed results in rolling moment coefficients due to side
acceleration are compared with data for 60-deg and 80-deg delta
wings. Lateral-directional characteristics for an F-106 B
configuration are also compared with data obtained in forced-
oscillation test. It is shown that reasonable results can be
obtained by the present unsteady-flow method, but not by the steady-
flow theory. Calculation of dynamic stall effect on a rectangular
wing of aspect ratio 4 is demonstrated by using experimental
sectional data. Although no data for the wing are available for

comparison, the results appear to be plausible.
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1. INTRODUCTION

When a fighter aircraft performs maneuvers at high angles of
attack, the aerodynamic forces and moments acting on the aircraft
are, in general, dependent nonlinearly, not only on the motion
variables but also on the time rate of change of these motion
variables. To predict the dependency on motion variables, such as
the dihedral effect (Cl ), the VORSTAB~II code was developed (ref.
1). The code is based on a steady-flow theory, so that the unsteady
aerodynamic effect on stability parameters cannot be accounted
for. This shortcoming is particularly serious in predicting dynamic
stability parameters, such as roll-damping derivatives, at high
angles of attack (ref. l). This is because in an unsteady rolling
motion about the body axis, dynamic change in sideslip will be

induced to result in rolling moment coefficient due to side

acceleration (i.e. C2°)' The latter may provide additional damping
P

or undamping, depending on configurations. In fact, significant

effect of Cl on flight dynamics has already been illustrated in the

past (refs.

toWe

and 3). These dynamic stability parameters can only
be calculated through the unsteady aerodynamic theory.

In general, the unsteady aerodynamic theory, relative to a
steady-flow theory, provides the following mechanisms to affect the
dynanic stability parameters:

. aerodynamic lag in attached flow;

o vortex lag in vortex flow, including dynamic vortex-

breakdown effect;




] dynamic boundary layver and stall effect in viscous flow.
The aerodynamic lag in attached flow is produced by convective
effect of shed vortices and the finite speed of disturbance
propagation in a compressible flow. This effect is automatically
included in any appropriate inviscid unsteady aerodvnamic theory in
compressible flow. |

On the other hand, vortex lag effect is important when a wing
with edge—separated vortex flow is in an unsteady motion. This
effect has been modeled in the past through the method of suction
analogy in compressible flow (ref. 4), the method of separated
vortex filaments in incompressible flow (refs. 5-7), and the
solution of Navier-Stokes equations. The method of references 5-7
has been illustrated only for simple wing planforms in
incompressible flow and is based on a time-step integration for the
solution. The solution of Navier—-Stokes equations for airplane
configurations is too "computation intensive" for applications to
preliminary design.

Several empirical modeling methods for dynamic stall effect on
airfoil sections have been proposed as summarized in reference 8.
Accuracy of Navier-Stokes solutions in two- and three-dimensional
flows is uncertain, in particular in deep dynamic stall regime.

In this investigation, the effect of vortex lag is modeled by
using unsteady discrete vortex filaments in compressible flow. This
is done by converting the VORSTAB-II code into an unsteady version

in frequency domain. The main objective is to calculate dynamic




stability parameters. For the dynamic stall effect on a wing, a

method based on using 2-D test data is proposed.
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2. THEORETICAL APPROACH

2.1 General Concept

The basic methodology considered in the present investigation
is based on the subsonic unsteady potential equation with
correct - .ns for steady boundary layer sepération and embedded
oscillatory free vortex filaments for vortex flow effects. The
unsteady potential flow calculation is based on the small
disturbance equation. Only harmonic motions will be considered. By
the assumption of small amplitudes of motion, the solution can be
expressed as the sum of two components, one representing steady flow
and the other being oscillatory. It is assumed that the solution
for some sinusoidal motion of a wing with frequency w can be

expressed in the form of
¢(X, Y, 2, t) = ¢S(X, Y, Z) + (pl(x’ ¥, z)evlmt (l)

where ¢ is the velocity potential, and ¢S is the steady-state
solution, which is a function of the spatial coordinates x, y, and
Z. ¢l is an unsteady component and is a complex funetion, thus
allowing for phase differences between the motion and the resulting
flow field.

In the present method the lifting surface is represented by a
distribution of oscillatory horseshoe vortex, which is the exact
solution of the unsteady small disturbance equation. The strength
of the vortex can be obtained by satisfying the boundary condition

on the lifting surfaces. To properly account for the leading-edge
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singularity of pressure loading in the linear theory, and hence the
leading-edge thrust, the unsteady Quasi-Vortex-Lattice Method
(UQVLM) is used (ref. 4).

In addition, the oscillatory vortex flow arising from
separation along the leading and side edges of a low aspect ratio
wing is simulated by using discrete free 6scillatory vortex
filaments. The mathematical expression for the latter will be
derived later.

Note that unsteady fuselage effect is not investigated in this

study.

2.2 Unsteady Potential Flow Theory

The unsteady small disturbance potential equation in a moving

coordinate system is

(a _pj) 3% , 3% 2% 1 0% _202% _ 0 (2)
ai x> oy’ 0z’ 33, at” ai oxot

By the application of the method found in reference 4, the above

equation can be reduced into the following integral equation:

L I‘” T 1
¢(X)Y)zyt) = 5 [— Ap(ﬁ»ﬂ,t - )(—)61:](6&671)
4n s og MR-xo Pola U, °''r
1 - MZ | (3)

where

ro= /1t o+ y2 + 22
o o

¢ is actually the solution of equation (2) and represents a doublet

or oscillatory horseshoe vortex with the strength of ACp. By
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introducing the harmonic time variation such that for any t,

_ iwt
Ap(E, n, to) = Re[Ap(E, me °]

- iwto
¢(§’ N> tO) = Re[¢(x’ Y z)e ] (4)
After substitution of (4) into (3):
3x, ¥, 2) == [f 2, 1) (x| y, 2z, K,M)dEdn (3)
by s JRUN o
where ¢ is defined as
iw
- T (f*‘xo)
d @ 1
K =E f e - drt
-x +MR
o
I—MZ

Since equation (3) is equivalent to a doublet, the solution of
equation (2) can be represented by doublet distributions. The thin
wing approximation is used throughout.

To calculate the induced velocity, due to a unit strength of
doublet at any (x, y, 2z) location, the method of reference 4 will be

followed. The resulting equations are

x 24 3¢
=20 t _1,_2
wo= = Y ACp )Gz + 57 )d€
Xl u
x 3¢ 3¢
36 _ t 1 2
v = dy " 2 / ACp («E,)(—~ay + 3y )dE
Xl u
3¢ 3o
_2 ot P, %
u === 2){ ACpu(E)(ax + 3R _ (6)
fol
where
6




X
1 1 o .
¢ = %= f [( + )z expl-iu(u r, + x /v )ldn
L r Rr
1 1
=il oz
¢2(X, Y, z) = Vv 8n J’ 2 I(x, ¥, 2,8, Tl)dT‘l
® Lr
1
- _ 1! iy , .
I(X, ¥, 2, &, Tl) j (1 ) 3 l/Z)EXP[ iw(e' + xo)/Vcn]dT )
1T S

Z denotes the summation overall spanwise strips, and xp and X, are
the x coordinates of the leading and trailing edges, respectively,
of the chord through the collocation (or control) points.

With the transformation

g =x, + c(l - cos8)/2

equation (6) becomes

36, 30
2 c " . 1 2

2 (x, 5, 2) =] 7/ a0, (O)sing(e + o (7)
etc.

Note that sin(8) cancels the square root singularities of AC_  at

u
the leading and trailing edges. Therefore equation (5) can be

reduced to a finite sum through the midpoint trapezoidal rule.

Hence,
N
c Gl 3¢
3¢ _ v cm . 1k 2k
3z (K»¥,2) = N g ACp (Gk)smek(——az +———az) (8)
atc. c k=1 u

where N. is the number of integration points and

Gk = (2k - L)n/(2N ).

c
The location of the "bounded" element of the oscillating horseshoe
vortices is given by

& = %, +.% {1 - cos[(2k - l)n/ZNc]}, k=1, oo, N
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The x coordinates of end points of the bound elements are given
by
e T 81k *ax T Bk %)
To eliminate the Cauchy singularity in the chordwise integral

(ref. 4), a special set of control points is given:

X X

c 2

+ e[l - cos(in/Nc)]/Z i 1, «oe, N

c

b/2{l - cos[Jn/(NS + 1)1}/2 3 1, eee, N (10)

Y3 i

where Ns is the number of spanwise strips.

Boundary Conditioms

The boundary conditions for equation (2) are as follows: at an
infinite distance from the surface disturbance potential should go
to zero; and on the_wing surface, the normal velocity component to
the wing surface should be zero. Assuming that the wing surface can
be described as

Z =z(x, y, t)
where Z is height above the plane, (2 = 0), of the wing surface.
Assume that during oscillation every point of the wing moves in the
vertical direction only. Thus, the velocity vector of a point on

the wing is

->_£“ .
wl =3t k (11)
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The velocity vector of the fluid on the wing surface is

32 = (U +wi +vi+uk (12)

If these velocity vectors are resolved into tangential and
normal components on the wing surface, and by applying the flow

tangency condition, the following equation will be obtained:

dz * dz * iy
- ~=—1i-==3+k
S T Ty d (13)
dz.2 dz.2
Y { + (&) + ('a—y)
> -~ > ~
w1 s n = w2 en (14)

by substituting (l11), (12), and (13) into (l4),

0z oz dz
T —_— % =
LA R A TR

a. Longitudinal Motion
For a wing in plunging motion with displacement h(y, t), in

pitching with angular displacement §(y, t) about x = x_,, and in

a
rolling oscillations with roll angle Er(t), the total vertical

displacement Z(x, y, t) is given by
z(x, y, t) = -h(y, t) - 8(y, t)(x - xa) - y$r(t) (15)

Note that v %% can be ignored because of small perturbation
assumption.

- -8 (&x-x) - e

—— =% —5(}7, t)

Hence, the nondimensional normal velocity is given by




we-B 8 ) -vi-3 (16)

@ ]

Assuming the harmonic time variation such that

w(x, v, t) = Rew(x, y)eiwt], etc. ,
equation (16) becomes
ilx, ) =ba = En e+ o tx)rivp e an
r r r
The additional angle of attack (Aa) is added to the steady
angle of attack to produce the total normal velocity, (wt) , which

is (ref. 4)

dz
c .
wt(x, y) = 3% cosa_ - 51n(as + Aa) (18)

azc
= —— cosa@ - sina_ - Aacosa
ox S s S

b. Lateral-Directional Motion:

For a wing in sideway motion with displacement d(t), and in
yawing with angular displacement ¢(¢ot) about n= X, the total
side displacement Y is given by

F(x, v, z, t) =Y - £(x, z, t), (19)
where

Y = =d(e) = () (x - x,)

Noting that

o»
i

|

£ df _
t+Um-6—£—V, , (20)

(4]

the following side velocity contribution from the motion of aircraft
will be obtained:

x> az o«

CI<

10
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If the wing has dihedral, the following normal velocity will appear

in boundary conditions; otherwise, it will be zero.

w v . ., d . bx - xa)
T cost ~ g sint = ‘lk[i—-SlnT + 7
® ® r r

sint] - ¢sint (22)

where Tt is dihedral angle.

The total normal velocity can be canceled on the wing by using
a steady horseshoe vortex distribution for the first two terms on
the right-hand side of equation (18), and by a distribution of

doublet for the last term in equations (18) and (22).

2.3 Free Vortex Filaments

A method similar to steady free vortex filament is used to
model the unsteady leading-edge vortex separation. Here each vortex
filament will be divided into many segments, and each segment will
be called an oscillatory line vortex. The induced velocity due to
an oscillatory line vortex of unit strength ié derived in Appendix
A. The resulting induced velocity components due to an oscillatory

line vortex are given as follows:

6¢1 6¢2
0x 0x * dx
6¢1 6¢2
dz 0z dz

00 3¢
% . 1,72 (23)
dy dy dy

where:

11




Ac -i2(t r +x )|
= __P - v 1"l Yo’ _
® =3 [(F, + Fq Fa)e ‘
L
iw
- = (t,r,+ )
_ lwyn 2 v 1"l "o
{ ( VZ)F T (rlrl+ X e dnl

1 xo
F=f(—2-+——2')z dn
r Rr

1 1
Zs %o
T
z(x1 - X)

F5 = Arctan [

(v, - y)/<xl-X)2 + 62<yl - y)z + Bzzz

z(x2 - x)
F, = Arctan [
2 2 2 2 2
(v, =90y = x)" +87(y, -~ y) +8z
iw 1 z
%, = =7 B [ =5 Ux, y, &, n)dn
Lr
1
where:
- - T' s ' '
I=/ (1 53 l/z)exp[ iw(t" + xo)/Vm]dt
5 (="' 7+ rl)

As mentioned before, small-amplitude harmonic motion is
assumed. Therefore, the effects of oscillatory free vortex
filaments and steady state free vortex filaments can be
superimposed. In both cases the force-free condition on vortex
filaments will be enforced. Also, partial separation aloang the

leading edge is allowed (ref. 1).

12




Note that the derivation of equation (23) is based on the
assumption that the vortex line is situated on the plane of z = 0.
Therefore, the induced velocity is always calculated first with
respect to a local plane of reference containing the vortex line;
and the results are then transferred to the fixed plane of

reference.

2.4 Method of Solution with Vortex Flow

The problem is resolved into steady and unsteady components,
through harmonic assumption. Then after a known steady state
solution is obtained, the solution for the unsteady motion will be
calculated and superimposed to the mean steady flow. The basic
unknowns of the problem are the strength of oscillatory horseshoe
vortices, strength of oscillatory leading—edge vortices, and the
locations of the free elements. The problem is nonlinear because
the locations of the leading-edge vortices are unknown a priori.
Therefore, the solution procedures based on an iterative method
described below must be used:

a. Prescribe the doublet lattice for the wing surface, and
the steady-state locations of the free elements over the
wing.

b. By satisfying flow tangency condition on the wing surface,
obtain the doublet and oscillatory leading-edge vortex
strengths.

Ce Calculate all the aerodynamic characteristics.

13




d. Enforce force—free condition on free elements by aligning
them in the direction of local velocity vector.
e. Repeat steps b through d until a converged solution is
obtained.
Note that typically the out-of-phase induced velocity on free vortex
filaments is quite small compared to the free stream.
Therefore, Cl- is calculated with the symmetric vortex shape. 1In
addition, in Ehe vortex~breakdown region, it is assumed that the

phase angle is 90 deg, so that the in-phase force component without

breakdown effect becomes out of phase, and vice versa.

2.5 Calculation of Aerodynamic Characteristics

The pressure distribution on lifting surfaces Is calculated by
applying unsteady compressible Bermnoulli's equation (ref. 9), which

has the following form:

dp U
30 Y -, PP "
et Tz Ty T2 (24)

By using the isentropic relation, definition of pressure
coefficient, and finally linearizing the equation, the following
relationship between pressure coefficient and velocity potential is

derived (ref. 9):

¢ = -2.30_2 3 (25)

To evaluate change in pressure coefficient, the relationship

between velocity potential and circulation is used; then the

14
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resulting equation in terms of vortex strength I becomes (ref. 9, p.
210)

TR - (26)
To solve equation (22), harmonic approach is used, to transform the
above partial differential equation (26) into a first-order ordinary
nonhomogenous differential equation, in which the circulation

amplitude is an unknown, i.e.:

2 A or -
= + ——
Acp 3 [iwl U ax] 27)

_ diwx _ dwx

9) U U,

T =—e [ ac e dx (28)

Finally, the lifting pressure due to oscillating bound elements
and chordwise vortex elements, based upon the following

relationship, will be obtained.

(3c )y = 2u = v tany) Loy %1—‘5 %— (29)
© r ©
B A 23 35
(Ac:p).r = 2r U + Rr 0 (30)

Note that the calculated Acp is interpolated if necessary to obtain
Acp at integration stations. The calculated pressure forces are
then used to determine the aerodynamic characteristics in a way

similar to the steady flow.

15




2.6 Loagitudinal Dynmamic Stability Derivatives

In general, the amplitudes of 1lift and pitching moment
coefficients in oscillatory motion can be expressed in terms of

stability derivatives as follows (ref. 10)

.. h 2 h

C, =ik — C - k"C..—+ 06C_ + ik6C_, + . . . (31)

N lr Nh Nh ir NG Ne
c =ikl -k%c . Biec +ikec o+ ... (32)

m L C my b ! me

rome r 8 8

At zero frequency, Cm = Cm ; and at small frequencies,
8 a
C =C_ +¢C (33)
me m m*
6 q

where Cm- can be shown to be equal to C ...
o4

2.7 Lateral Dynamic Stability Derivatives

In a similar approach as in the longitudinal case, the
amplitudes of side forces, and rolling and yawing moment
coefficients, in each mode of oscillatory motion are expressed in

terms of stability derivatives. The results are as follows:

a. Sideslipping (g = d)

) 2 L2
Cy = ik(CyB kC ")d kc . | (34)
78 i

C, = ik(c_.)d - k%dC (35)
n ne
B .

¢, = ik(c, - kzclu)d - kdel_ (36)
8 8 g8
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b. Rolling Motion (p = $)

2 2
C, = ik¢(C_ = k“C ) - k“¢C + ¢C (37)
y .
Ip Y 75 7o
C. = ike(C_ - k%C ) - k%C  + oC (38)
n n n’ ne n
p P P ¢
C, = ike(C, - k2C..) = k24C. + oC (39)
2 2 L L 2 ‘
p P P P
c. Yawing Motion (r = )
c =i 2 2
v = 1k¢(cy -k Cy_.) - k7C_ + ¢C (40)
’ r r Tr y¢
C. = ik¢(C_ - k2C_.) - k24C  + ¢C (41)
n n n’ ne n
r r r ¢
C, = ik¢(C, - kzc ) - k2¢C + ¢C (42)
2 2 L L. 2 -
T r r ¢

2.8 Dynamic Stall Effect

Dynamic stall éffect is important in predicfing dynamic
stability parameters for configurations with low-swept wing
planforms. Since theoretical calculations are very time-consuming
and may not be accurate, it is proposed to calculate three-
dimensional results by using 2-D test data. The concept is quite
similar to that in steady flow to account for the effect of boundary
layer separation (ref. l). That is, iterative calculation is first
made for steady separation effect to obtain local effective angles
of attack (ae). Local effective oscillation amplitudes are

calculated by using a three-dimensional unsteady attached-flow

17




method (ref. 4). Two-dimensional test data are interpolated based
on these local effective angles of attack and oscillation
amplitudes. To {interpolate, the 2-D test data must be expressed in
terms of nonlinear functions of @y and &1, which depends on
oscillation amplitudes. This is done by Fourier analysis. The
resulting mean value is a function of meaﬁ angles of attack (a«)
which are interpolated for the appropriate sets of data to be used
at the calculated a,. One set of calculations will be illustrated

later to expose this idea.
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3. NUMERICAL RESULTS AND DISCUSSION

In the following, calculated results for delta wings with sweep
angles of 60° and 80° will be presented. In addition, calculated
results for the F-106B configuration will be compared with data.

All calculations are made in eight iterations to adjust free vortex
positions. The vortex breakdown effect is applied only at the last
iteration. Finally, calculated results for a rectangular wing with

dynamic stall effect will be illustrated.

Delta Wing with a Sweep Angle of 60°

Lateral coefficients for this configuration are presented in
Fig. l. The aerodynamic characteristics are significantly
influenced by free vortex position, the motion lag, and the bursting

locations. Typically, C is positive without vortex breakdown and

*3

becomes negative only with vortex bursting. As it can be seen, due
to early vortex breakdown for this configuration, the resulting
rolling moment coefficients due to é become largely negative and
cause the roll damping derivatives to be more negative. Also as a
is increased, the effect of é derivatives due to lag in motion is
more appreciable. As the reduced frequency is increased, the

magnitude of C will diminish but still is negative. The test data

*5

indicate that vortex bursting occurred at a lower a than the
calculated value which was based on a steady-flow model. It should
also be noted that the vortex bursting point 1s known to be affected

by dynamic motion. Since a systematic set of data is not available,
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the dynamic effect on vortex bursting cannot be assessed at the
present time.
The discrepancy between the calculated results and experiments

is mainly due to prediction of vortex breakdown location.

Delta Wing with a Sweep Angle of 80°

Lateral-directional derivatives for this configuration are
determined at a reduced frequency of 0.06 and an amplitude of 5°.
The calculated results show large positive rolling moment
coefficients due to é (see Fig. 2). For this configuration, the
vortex breakdown occurs at about a = 38°. Therefore, this positive

rolling moment due to é causes CX to be more positive, which may

p
result in wing rock. The correlation between the experimental data

and numerical results is good. At high angles of attack, the effect
of é derivatives is more significant and is therefore important to
dynamic stability of airplanmes, in particular thbse with highly
swept wings. The present numerical results show that the
acceleration derivatives can be predicted within a reasonable
accuracy for highly swept wings. Also, in a forced-oscillation
test, it is not possible to decouple the effect of é from the P

motion. However, by the present method, it is possible to decouple

the effect of each mode separately.
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F-106B Configuration

This configuration has a conically cambered wing of 60-deg
sweep and a vertical tail. At a reduced frequency of 0.2, the
factor for the remaining vortex lift after breakdown is not applied,
since not enough data on dynamic vortex b;eakdown are available for
guidance. The calculated results are presented in Fig. 3(a) for
roll stability derivatives and in Fig. 3(b) for yaw derivatives. It
is seen from Fig. 3 that predicted roll and yawing moment
derivatives are significantly improved by including é-derivatives.
Note that Cy- at ¢ = 35 deg is quite negative and is contributed by
the vertical tail. Since the dynamic fuselage effect is not
available in the current version of the code, it is not known

whether it will improve the predicted results at a¢ = 35 deg.

Rectangular Wing of Aspect Ratio 4 with Dynamic Stall Effect

Some dynamic stall data on several airfoil sections are
available in reference 1ll. However, only data for the NACA 0012
airfoil are wmore complete and therefore will be used in the
following. This set of data was obtained by oscillating the airfoil
about the quarter-chord point at mean angles of attack (am) of 3, 4,
5, and 10 degs and an amplitude @, of 10 deg at a reduced frequency
(we/2V,) = 0.1 and a Mach number of 0.3. The sectional c, ~a

curves are presented in Figure 4. These sectional data are then

analyzed through Fourier analysis to obtain ¢, as functions of a;

2

and &1. For example, at @ = 5 deg, Cy can be written as
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cy = 0.4825 + (5.114 + 1.184a

2 3
1 + 5.198al + 79.694(11

4

+ 42.474&1

- 0.005&2 - 0.2298x.4% - 0.2450¢2%%)a
1 1%] 12109

+ (0.007 + 0.0979a1 - 0.0Sla? - 2.171a? - 7.149&?

+ o.ooeal&2 + 0.0412

2:2
1 1

aj - 0.00la, - o.oszsafél)&l (43)
where the constant term on the right-hand side is the mean value
of <y (i.e. cy Yo In the calculation for a wing, this o is
linearly intc?;olated with the effective angle of attack.m In Figure
5, the calculated aerodynamic models at a_ equal to 5 and 10 deg are
compared with data. The agreement is reasonably good.

Assume that a rectangular wing of aspect ratio 4 and with the
NACA 0012 airfoil section is oscillated in pitch about the quarter
chord point with the same flow conditions as those used in the
airfoil testing. The resulting total C; - a curve is plotted in
Figure 6 and calculated sectional cl's at three spanwise stations
are illustrated in Figure 7. Since there are no experimental data
for the wing available for comparison, no assessment of accuracy can
be offered. However, the results appear to be plausible. Note that
calculated ¢y and Cy, do not pass through the coordinate origin.
This discrepancy is caused by the assumption of linear interpolation
of <y with respect to the effective angle of attack. ‘Except having
this :iscrepancy, Eq. (43) and other similar equations not listed

here appear to be capable of modeling the dynamic stall effect at

different amplitudes and mean angles of attack.
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In applications to fighter configurations, dynamic stall data
of typical thin airfoils are needed. These data can then be used to

predict dynamic effect on longitudinal and lateral-directional

aerodynamic characteristics.
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4. CONCLUSIONS

An unsteady, compressible, aerodynamic method was developed to
calculate dynamic stability parameters at high angles of attack. In
the method, the edge-separated vortex flow was represented by free-
voirtex filaments in frequency domain. The main emphasis of the
method was to calculate dynamic lateral-directional stability

parameters. Calculated results of CX- for a delta wing of 80 degs

g

were shown to produce total roll damping derivatives which agreed
well with data. For the 60-deg delta wing, the calculated trend
of Cl. variation with a is correct, except that its magnitude is
lowerBat low a than the data showed. Calculated results for an F-
106B configuration with the unsteady method show significant
improvement in predicting dynamic roll and yaw stability
derivatives.

Calculation of dynamic stall effect for a rectangular wing of
aspect ratio 4 was also demonstrated. The calculation was based on
interpolation of two-dimensional test data at the calculated

sectional effective angles of attack. No 3-D data were available

for comparison. However, the calculated results appeared plausible.
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5. RECOMMENDATIONS

This investigation represents an initial attempt to predict

dynamic effect on aerodynamic characteristics at high angles of

attack.

To improve the prediction method, the following

experimental and theoretical work would be needed.

(1)

(2)

(3

Obtain experimentally a systematic set of dynamic stall

data in Cg» Cg» CpoOm thin airfoil typical of current

m
fighter wings. This set of data can be used in the
present method to calculate dynamic stability derivatives
on wings with low sweep angle.

Obtain experimentally a systematic set of dynamic vortex
breakdown data on delta wings of different sweep angles.
The data should include the dynamic effect on bursting
position and total lift variation. This set of data will
be analyzed and incorporated into the present method to
calculate dynamic stability derivatives on wings with high
sweep angle.

Develop an unsteady mathematical model to represent the

fuselage effect.
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Figure 1 Rolling Moment Coefficient due to Si@e Acceleration
for a 60-deg Delta Wing at M = 0.13, k = 0.066 and
Amplitude = 5 deg.
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Figure 2 Roll Damping Derivatives of an 80-deg Delta Wing

at M = 0.1, k = 0.06 and Amplitude = 10 deg.
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(a) Roll Derivatives
Figure 3 Dynamic Stability Derivatives for an F-106B

Configuration at M = 0.1 and k = 0.2. Moment
Center at G.275 c.
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ktigure 4 Measured Dynamic Stall Effect on Lift Curves
on NACA 0012 Airfoil. o = am+ lOosinwt, k =
and M = 0.3 (ref. 11).
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Figure 5 Aerodynamic Models for an NACA 0012 Airfoil

in Dynamic Stall Obtained from Figure 4.
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Figure 5 Concluded.
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'

Figure 6 Calculated Lift Response on a Rectangular Wing of
Aspect Ratio 4 with NACA 0012 Airfoil in a Pitching
Oscillation about 1/4c at M = 0.3 anf k = 0.1.

a = 10° + 10° sinwt.
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APPENDIX A:
DERIVATION OF INDUCED VELOCITY DUE TO AN
OSCILLATING LINE VORTEX
The expression for induced velocities due to an oscillating
horseshoe vortex are available. To obtain the corresponding
expressions for an oscillating line vortex in compressible flow, the
effect of trailing legs in the horseshoe vortex must be removed. To
achieve this objective, the general equation for oscillating

doublets is needed (ref. 4):

X .
¢ 1 1 ,To - le -
v " f£ ACP{( 5+ 2)zoexp[ 7 (5t * x )]

rl er
_dw _ 1mrlk
., 2 VQ xo © \ V°°
e [ 1 -—L2—)e d\}dgdn (A.1)
=1 T1 Y1l + Az
Define:
AC X
=P 1l .o -l
4 = & I 5 + 5)z expl- o (v;r + x,)ldn (A.2)
L r Rr @
1 1
iw iw
AC { z V: xo ® A V°° rlx
% ’—Rsn f [_.‘;“_’;2 e [ (1 - —=—)e dan] (A.3)
L = 1 1 /1 + 22

By integration by parts, equation (A.2) becomes
AC

p iw _ _ iw o)
¢ = F {F exp[--j: (tlrl + xo)llL { ( v:JF 3 (rlr1 + xo) *
exp[--%—2 (11r1 + xo)]dn} (A.4)

where:




2 2 2
+ Wx~ +B8°r
7 o 0 1 7 272 . 272
= + ’ = =
r, /(yo z T, 32 » R /xo + B yo + B z
1 xo
F =/ (%+—)z dny (A.9)
L r2 Re2 ©
1 1
X, =x =& =x - x = 1lxy = x7)
Yo =y =n=y -y -wlyy =y

The straight line L is now defined by (0, 1) in t (see Fig. A.l).
If F in the first term of equation (A.4) is replaced by the

following form, equation (A.4) is reduced to oscillating line vortex:

X z(xl - x)
F =] G—J%)zodn + Arctan| ]
L Re (7, = 99 x, - 0%+ 8k, - 9+ 55D
z(x2 - x)
- Arctan { ] (A.6)
2 2 2

2 2
(v, = 9)W(x, = )" +87(y, = 9)" + 87z
¢1 is differentiated with respect to z with equation (A.6) for F and
letting the frequency go to zero, the exact steady expression for a

line vortex element can be obtained as will be shown later. Now

consider the following expression in ¢2; i.e.,

i_m.r }\
® X - Vcn 1
I =/ (1 ~—=—)e dA (A.7)
Tl /1 + A%
where:
-x_ + M/x2 + rZBZ ~
0 0 1
T, = (A.8)
1 2
B
and xo = X - x1 or xo =X T X,
A-2




1

Let x; or x, in equation (A.7) go to infinity; hence:
{w

-=—r.A
@ A V(n 1
Mm I = 2im | (1 = —=——)e da
X, o X, 2
1 1 ~Geme) + M),(x_xl)2+ Bzri' /1 + A
2
B (A.9)

The lower limit of integration goes to poéitive infinity as x; or X9
goes to infinity; therefore,

2im I =0

X, ,ro

1

X o

2
Therefore, it can be concluded that 9, is due to vortex shedding
only and comes only from bound vortex of oscillating horseshoe

vortex. Thus, the equation for an oscillating line vortex becomes:

e .
v o, * ¢, (A.10)

where ¢1 and ¢2 are given by equations (A.6) and (A.3).
To derive expressions for induced velocitieé due to an

oscillating line vortex, equation (A.10) is differentiated with

respect to x, y, and z, respectively.

od ¢
1 26 _ "1 ""2
@
v =20 %y, %% (A.12)
VG oy oy oy
3¢ 3¢ -
L o2 7L 72
v V_dz 2z + dz (a.13)
A-3




l Expressions from ¢1:
ACp v ('clrl-’-x )
l ¢,= 5= {Fle - {( loyp 0 a7 (5Tt x )exp[- (1:
l where:
F = f (1_ +j<_9._)z dn
L rz er °
' 1 1
X, -1 z(xl— x)
l F=f(——-—)zdn+1'an [ ]
L 2 2 22
Re} (v -y, Wx- 0% g2y~ » g%
1 1 1 o]
' - z(x,= x)
- Tan [ 1
2 2 2 2 2
' (yy= ¥ (xy= )7+ B (v~ y) 7+ 872
Taking the derivative of ¢1 with respect to z results in
26, AC, OF, v (7yry7%,) v 7 )
I 3z 8n {az e IL - (Fle [ (- -—)(T 1t )[
iw
' iw ,OF A (171
| G5 G a7 War i+ x)le dn -
L ®
l iw (11r1+x )
iw d -
I { (- V—Q')F n [az (Tltl"' xo)]e dn
iw
l iw d iw 2 v (Tlrlﬂ:o)
{ (- .‘C-)(F) I (Tl 1%, (- -‘CB— (= 15 xo)e dn}
l (A.14)
where:
1

¥ )]dn}




(xz—x)(xz-x1)+ﬁ2(y2-y1)(y2‘Y)+B2z

) T 3, 3.2, 2 e 2 4 2 (rtx ) 2 B2y my )2
Y (x=x) ) 4B (y =y )48 (2 ) Q *+z {xyHx B lyyy,

M/(x-x2)2+82(y-y)2+ﬁzzz- Mz(x~x2)
* exp [- 2 _
VQ BZ

1

[Q

]

(x =10 (xy=x 482y =y Dy =y)+8 2

2,2 2 2
/e ) 2487 (ry P 24822 ) Q2 Ll )48 (ryy P

M/(x—xl)2+ﬁ2(Y'yl)2+Bzzz - Mz(x-xl)

® B
Q= (xy = x )y =y)) = & -x)y, -vy))
By applying the following transformation, the line integrals in
equation (A.l14) can be reduced to a definite integral.

- x.)

X -7 =x - X, - r(x2 1

y—-n
Thus, the first integral in equation (A.14) becomes:

1
1
= f ( *
° (Y2 - Yl)/Arz + 81 +c)

%

exp (- 32 [ 3 ) (4.15)

y =y, vy, -y (A.16)

[(xz-xl)(yz-yl)r-(y-yl)(xz-xl)w]<x2-x1)+62<y2-y1)2['(y2-y1)r-(y-yl)11

{Q
fo M[(Y‘Yl)-f(yz-yl)] M %o we  Xp7X|
+ (‘-v—){ - (*7 =~ vy } *
/Arz+ Bt + ¢ B B 2 71
A-5
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iw M/ATZ+BT+C - Mz[x-xl-T(xz-xl)]
exp {-+ 5 }o* (y,-y)de (A.17)

el

The second integral in equation (A.14) becomes:

1 w6 M[(y-yl)—x(yzyl)] 2 2 g MEX, Xp7X)

| (F(z= Bz + - ( )) *

o V; (A.'t2+B1:+C)3/2 Yn R3 Y™
iw 2 2

exp{~- — (M/AT +Bt+C - M [(x-xl)—t(xz-xl)]})(yz-yl)dt (A.18)
v 8

The last integral in equatioan (A.1l4) is

_ 1 . iw M[(Y’Yl)‘T(YZ'Yl) i M %o w2 XX .
J(Fr = S 2R v el 2
o - 2 ® g g Y21
YAt “+Bt+C
2 2
iw M/AT " +Bt+C - M [x—xl-T(xz-xl)]
exp {- o 5 }) (y,=y )t (A.19)
@ B
where:
A= (xz-xl)2 + Bz)yz—yl)2 (A.20a)
B = -2[(x-x1)(x2-x1) + BZ(Y'YL)(YZ-YI)] (A.20b)
C = (x-xl)2 + ﬁz(y-yl)2 + Bzzz (A.20¢)

To evaluate these integrals, parabolic approximation of the

following form is used:

e An2 + Bn + C

J = %} cosh d = [

dn (A.21)
-e (no--n)2 + CZ

J

where:




A:
2e2
K =X
B = 2 i
2e
C =K

m stands for midpoint.

Expressions from ¢2

Applying integration by part to ¢, , the result becomes

. AC
¢2__._E_(£ p[tanl 2at + b IlL_}'Tanl 2at +b 0?1

v, 8n 2yyyy)e L 2y,ypz n

Differentiating ¢2 with respect to z gives

333 . 1 ACP { Y27 1. + A S I, +
dz V. 8n 2 2 2 71
© (yl—y) + z

- 72
(yz-y) +z

Tan~!

y,~y 31, } -1 Y7y oL, 2(2at+b)(y,-y )
r4

z 9 L 4(y2-y1)222+(2at+b)2 on

2
-1 __2at+b 31 \
T
M TG,y z 6zbn]dn1
271
where:
a=(y; - yp?
b= =2(y = y1)(yy = v1)
c=(y-y1)2+22
A-7

ol

== - Tan " ———+ [ [ 2=

(A.22)

(A.23)
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iw
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I, = (1 - ———e dt (A.24)
(tyr) 2, 2
171 41 T,
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@ o V" o1
I, =f (1 - e dv' (A.54)
(t,r) 2, 2
1’1 Yt T
® t! m(t +x0)
I = (1 = ————)e dt' (A.26)
(zyr)) /1:'2+ri'
2.2
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(Trydy = 2
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17171 2
g
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. Wie ey L -%(rw-xy
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==-22 (1 - e vaf e dt’
2z R pm— 2_2.3/2 ¢
/142 Tyry (2 )
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iw
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Mz 11 @
37 "R (- e
2 fw, ,
/1"’111 o E(T +x01)
1
+z{ ] o 2+2)3/2 dt
T1F1 Y TR
(A.28)




R I

iw
- =[(1, 0, ). +x..]
31, ‘iz Ty, v T1f17202
——— - (1 - \e +
z R2 5
/1],
iw, ,
2 7' -t(r +x02)
zf 7372 e dt' (A.29)
1
(zyr )y (39 74ryy)
B AT . - )
3L _ M(y—-n) 1 o t'e
= = (1 - -(y=n) | dt
a1 R > . (o2ep2y3/2
/1+v1 171 1
1
10 . %27% T izfrlrl+x°) Mg 1 XY
+ =2 1¢( )y + (1 - Ye (== - =) (A.30)
v Y,y 2 27 y,-y
© 2771 /1eg2 BR B 2 °1
1
_ilw 9
2 7 (T Y) r g’ .
3°1 2z M(v—) 1 1
3on = (e T [ a - ) -
dzdn ry R Rz —
are
1
1 (M :_];) +_]'._ rl ] -
(1+xf)3;2 Roro” g (1+zf)3;2
iw
I R T AL Ay
1w [_M_]r (1 - Ye +
7 ) 1
® R 2
/1l + ¢
1
--i—“—’(r r,+x.)
1w ol x2-x1 _ 1 . Vw 11 70 (Mxo ) ..1._.) x2 x1 (! ) MR—xO) _
- 3 = AR
Vo 871 Y7y (1+1f)3/2 g°r g2 Y27V RG22
1
—-yﬁ(r r.+x.)
T v 11 707 Mx X,=%, Mr
iw 1 ® 0 1 27%) 7
Ty (L m e -y T
yovy R
/14t 8RB
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-’ - -

iw
T TN kel xo-x
1 ® 0°1 2 71
(1 - Ye (- ) }
2 R Y2V
/1+1l
_lw,
ARk
r2 1 T ¢ ( ,2+ 2)5/2
1 171 YT
T.r TTTR) e
dl _ 171 1
1 /12r2+r2
171 71
_iw,_,
" rlrl v;(‘v +‘{O)
Ir r, ( v2+r2)3/2 € dt! ) (4.32)
1f1 V7 1
6¢2
To evaluate the integrals in the 3z term, the following

approximation may be used in I, Il’ and 12 terms (ref. 15):

T

2

Y1+t

n

———

10

-C_T
=l1-Jae " (4.33)
¢n 2n

0.0625 0.002907843
0.125 0.002591528
0.25 0.02667074
0.5 0.07097100
1 0.3478370
2 0.5556069
3 0.7048426
4 ~0.7769790
8 0.07004561
16 ~0.004557519
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Therefore, by applying the above approximation (eq. A.33), I, I,
I, can be integrated exactly. Note that integrals in the form of

ueiku ueiku
——2—)3/—2-du,P=J'———T—5-/—2-du (A.34)

(1+u (1+u™)

oy

can be reduced into form like I by taking integration by parts. TFor
P, twice integration by part is necessary.

By the same approach, the u and v veloctiy can be obtained.

To check the expressions, it should be noted that the induced
downwash due to an oscillating line vortex can be reduced .to the
downwash velocity due to a steady line vortex if the oscillating

frequency (w) is set to zero. In this case, equation (A.l4) becomes

d¢ - P dF
az lw=0 " B & L (4.35)
where:
X z(x,—x)
F =] (—gi)zodn+Tan l[ L ]
bRy o (y =y (e ) 2482y ) P22
zZ(X,=%)
- Tan~! | 2 ] (1.36)
2 2
(y,=y ) (x -x)2+32(y -y)2+ﬁ z
2 2 2
and
daK | = 1 *
dz 'L

/(x-xz)2+32(y—y2)2+32(z-22)2

" (x, 0, ) (0487 (3,7 ) (7,948 7 (2,-2) (2,72 )

2 2 2 }
Q +(z-2,)2[ (xyx ) 4B (y,-y )
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- 1 *

/) 2487 (ymy 487 (2m2 )

o (xy =% ), 0487 (y, =y My 70487 (2 =2) (2,=2)

} (A.37)
Q=2 ) 1, 2482 (7, )

Equation (A.37) exactly matches the downwash velocity due to a

steady line vortex.
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Figure A.1 Definition of Geometry in

Oscillatory Motions
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