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INTRCDUCTION

PURPOSE

The purpose of this aerodynamic data program is to develop a bank
of aerodynamic data to be used by Dr. G. Nagati and his co-
workers in developing a stall/spin flight simulator.

This data bank i1s to include high angle-of-attack aerodynamic
characteristics of 2-D airfoils, characteristics of 3-D wings
beyond the stall and complete airplane data.

Parallel to the establishing of the data base is the development
of a flow visualization laboratory to study wing stall and anti-
stall devices.

SPECIFIC OBJECTIVES

A detailed list of objectives of this program includes the
following:

1. Search for and acquire literature on stall/spin flight
phenomena. Evaluate the literature.

2. Acquire flight test and wind tunnel data on aircraft
stalls and spins.

3. Set up a computer library of two-dimensional high angle-
of-attack airfoil data and make the data readily
available to users.

4. Assemnble computer library of three-dimensional wing and
airplane data, particularly at high angles of attack.

5. Develop a flow visualization laboratory for use in stall
and spin departure studies.

6. Conduct flow visualization studies and wind tunnel tests
to fill out gaps in literature.




DISCUSSION

PROGRESS IN ACHIEVING OBJECTIVES

Computer Data Bank. An extensive library of 2-D airfoil data has
been acquired and stored in the W.S.U. main frame computer.

These data are readily accessed by the flight simulator working
group and by others. .

A graphic portrayal of these data is given in the report IAR 88~
110, "Compilation of Characteristics of Airfoils at High Angles
of Attack" (Ref. 1). A draft of this report is attached to this
report as Appendix A. '

Flow Visualization Laboratory. The Flow Visualization Laboratory
consists of a water tunnel, a two-dimensional smoke tunnel, and a
three-dimensional smoke tunnel.’

The water tunnel was contracted for in Spring, 1987 and delivered
to W.S.U. in Summer, 1987. The tunnel is currently housed in a
temporary metal building. It will be moved to the Flow
Visualization Laboratory in the new Institute for Aviation
Research building shortly after the beginning of the year, 1990.

The water tunnel was purchased from the FluiDyne company and is
similar to that shown in figure la. The design was modified and
the W.S.U. water tunnel is 3 feet deep instead of 2 feet to
permit model testing at higher angles of attack. An elevation of
the tunnel is shown in figure 1b. Although the water tunnel was
supplied as a turn-key facility, additicnal equipment, such as
mounting strut extension, and reflection-plane mounting, have
been built in the W.S5.U. shop to make it more usable.

When the Institute for Aviation Research building is completed in
Fall, 1989, the water tunnel will be moved to the Flow
Visualization Laboratory on the first floor of that building (see
Figure 2a). This 1850 sa. ft. laboratory will also contain a new
two-dimensional smoke tunnel. As shown in figure 2b, the water
tunnel will be set into s 2 ft. recess in the floor so that the
test section will be at eye level. A video recorder and special
lights have also been provided. ‘

At present, the 2-D and 3-D smoke tun, 21s in Wallace Hall are
being used. The 3-D tunnrel has been o\:erhauled and a new Roscoe
smoke generator has been installed.

Flow_Visualization Studies. Flow visual. ration studies have been
conducted in the water tunnel to suppleme: t the information
available to the flight zimulator group. An experiment to
optimize the size of drooped leading-edge extensions on a wing
(Ref. 2) is included in Appendix B of this report.




Wind Tunnel Tests. To determine the span loading and the stall
characteristics of wings at and above the stall, wind tunnel
tests of reflection-plane wings have been conducted.

These tests are conducted in the Walter Beech 7 ft. x 10 ft. Wind
Tunnel and include force balance tests, prescurc surveys, and
survey of the wake above and downstream of the stalling wing.

The first test was a reflection-plane test of a 9 inch chord, 60
inch semi-span (Aspect Ratio = 13.3) wing with an NACA 23024
airfoil section. The purpoces of the test were (1) to validate
the use of strip-a-tube prescsure belts in the wind tunnel, (2) to
develop a technique for obtaining span 1ift distribution, (3) to
determine effects on span lift-distribution of wing stall, and
(4) to provide some configuration of the computer methods being
used by the simulator group to determine span loading.

Results of this test are reported in a thesis by Yong Wang (Ref.
3). A briefer report summarizing the thesis is attached as
Appendix C.

The second in this series of tests has been completed. A series
of leading-edge extension cuffs has been tested on the same wing
and the spanwise size and location have been optimized. A thesis
by George Ross will report the results in Spring, 1989.

WORK IN PROGRESS

Literature Searches. Intensive literature searches currently
underway include:

1. Leading-edge devices, including leading-edge droop, i.e.
extension, fixed, controllable and automatically
movable,

2. Effects of wing sweep on span loading distribution.

Model Construction. Two new models are being constructed. First
is a cambered variable-sweep water tunnel model to visualize
high-alpha outboard flow as affected by wing sweep. The second
model is a wind tunnel reflection-plane wing equipped with both
leading-edge and trailing-edge ailerons. This wing has an
NLF(1)-0414 airfoil section to provic : contrast to the old low-
speed NACA 23024 section already test. 1. It is equipped with a
20% chord l.e. aileron (may be deflecti1 down 30 deg. and up 15
deg.) and 20% chord t.e. aileron (defle tion = + 30 cdeg.).

Test in Progress. A test of three sweep. ‘ck (sheared) wingtips
is being conducted in the water tunnel.




RECOMMENDATIONS

PLANNED FUTURE WORK

The work of this project will continue. A particular direction
of this work is pointed up by the thesis of Yong Wang (Appendix C
is a summary of that thesis). For his wing, C; vs. angle of
attack is shown in figure 3 compared with 2-D ¢. Figure 4 shows
the spanwise distribution of 1ift. Below the stall (alpha = 4
degrees and 10 degrees) the usual spanwise distribution on a
finite span wing is obtained. Above the stall, however, the
distribution is distinctly different. The center of lift is
shifted toward the wingtip.

The reason for this shift is shown in figures 5, 6, and 7. The
inboard sections stall earlier, and when the complete wing is
stalled, there is still positive 1lift at the tip sections. This
greater 1ift is due largely to the "side-edge 1lift" (see Ref. 4)
created by the vortex suction 1lift of the wing tip vortex.

Figure 7 shows that while most of the wing is stalled (alpla = 30
degrees) at 10% of chord downstream of leading edge, spanwise
stations 90% and 95% are stalled at about 30% or 40%. This delay
of the stall outboard has long been the goal of those seeking to
prevent spin entry from the stall. Apparently, it occurs with an
ordinary straight wing, but spin entry still occurs.

The ailerons are useless because the downstream part of the
airfoil (the part where the ailerons are located) is stalled,
even though the lift is still high. Deflection of trailing-edge
ailerons does not significantly change the 1lift of the wing.

However, if the pressure distribution is controlled on the first
20% to 25% of the outboard wing sections, large changes in local
lift (and wing rolling movement) can be obtained and the aircraft
can be controlled through the stall. It is possible that
leading-edge ailerons can be developed which can control the
aircraft above the stall and thus prevent spin entry of a stalled
aircraft.

Leading-edge ailerons may be designed by hinging the forward part
of the airfoil. While leading-edge ailc¢rons may be quite
effective above the stall, they will pro..ably be not very
effective at low angles of attack. The most effective control
system will probably incorporate both leacing-edge and trailing-
edge ailerons as shown in figure 8.

TEST PROPOSAL

The principal investigator and a group of graduate students
propose to conduct a systematic investigation of a lateral
control system using leading-edge ailerons. The objective is a




system which will provide controlled flight through and beyond
the stall. The initial tests will make use of the 3-D reflection
plane model currently under construction.

RECOMMENDATION FOR 2-D TESTS

It is recommended that support be obtained to also provide a 2-D
model and tests to determine aerodynamic characteristics of a
section with positive and negative aileron deflections as
follows:

1. Trailing-edge aileron
2. Leading-edge aileron
3. Leading-edge and trailing-edge ailerons acting together

Angles of attack would be from -10 to +45 degrees. Effects of
slots and aileron drooping will also be determined. Measurements
would include force balance data and surface pressure data. Flow
visualization tests would pay particular attention to the wing
areas at both ends of the ailerons.




REFERENCES

Wang Yong and Melvin H. Snyder; "Compilation of
Characteristics of Airfoils at High Angles of Attack"; IAR
88-110, Institute for Aviation Research, The Wichita State
University, Wichita, KS, August, 1988.

August A. Asay and Melvin H. Snyder; "Predicting Optimal
Drooped Leading-Edge Extension Length for an NACA 0015 Wing
Through Flow Visualization"; IAR 88-111, Institute for
Aviation Research, The Wichita State University, Wichita, KS,
May, 1988.

Yong Wang; "Experimental Study of Separation Flow Field on
NACA 23024 Right Wing":; M.S. Thesis, The Wichita State
University, Wichita, KS, July, 1988.

John E. Lamar; "Extension of Leading-Edge-Suction Analogy to
Wings with Separated Flow Around the Side Edges at Subsonic
Speeds"; NASA TR R-428, NASA Langley Research Center.

Ira Abbott and A. E. von Doenhoff; Theory of Wing Sections,
Dover Publications, Inc., New York, 1959.




*Tauung, Is3epm auAgIngg el aanbia

wajyshs Jaind "2t

waishg joauo0) ‘It

Bujdid vinyay "o

wnue|d abieyssig 6

yjoddng jepolw ‘g

uopoes 1sey "/

$J10A2383Y 8AQ

uojIdeIUOD

syuawaiy Bujuollipuod moly

wnuajd A12A119Q

12|uy p31BiO}Iad

dwngyg

o~

4




‘[ouuny, 193 33 € ¥ "33 ¢ "N S "M JO uoijeadld gl aambilg

OO NSONOSNONONNANNNNNANNY O AN NN S NN NN OONOIONNNNY /rMM o0 /// /./ //////

hiRLN 1 nd nol
LA | il | il

t 1 “
_

I |

|

i
|




*qer] UOIIRZI[ENS 1A MO[] bPutmoys bulpling UoIeasm® UoTlelay JO UR[d I00TJ 3ISaTg ‘vz “H14

t zﬂr.zooJ:n:d\

727
BN EE TNy

. s,
s

'

“




" Aroje10qe] UOT3eZITensTA MOTd Po3oefoid JO yoIas "qgz 2Inbig

VAR VASVARVARVA . I y —
- I T DR
] S Vf\\sm Rt

JAVAWALWA!

VAVAREALY

|
|
|

Acaxou ’
R — | — = v

O oy

>

T TR

10




(E°€T="u"\) d-¢ 03 padxedwod {g-g ‘IUSTOTIILOD 3IFTT ¢ osanbrig
( s3aubag ) eydyy

S oy 5% '} 5¢ 0l §1 01 S
_ | _ _ _ _ _ I

‘ON NNy >

~t
"

it

£ = ON NNY —=

LIN53Y 97-33M o __________ ...........

8170 =

S "I9¥: : :
woxjy ejeQg Q-7 : . m 1

......... ........... ............ o s S ....... \ .......... L 990

11




uotjloaiiqg astmueds utr uorTINQI13SIg 311 *y 9anb1iy

a,4¢

0e°1 0b° 08" 0L 09 - 06~ oy - 0¢ - XA 0t 0o -
I L |

UHd 1V A=

[@a)
(]
=
<~
n

06 °0-

930 01 = YH4WV —t=

9490 04 = YHJIY

—00°0

—o-
930 8¢ = YHJY —B-
~¥—

UHd Y

- 05 "0

—00 1

—06°1

12




3

13




0Z=0 UOTINQTI]IS(Q 3INSSa1d SuOTjl03s buty 9 aanbry
/¥
08 0L 09 05" @y SWH

I

466 = d/AC K=

14




0

0y "1 Ub-

=D

0L

= 5 UOTJINQTI}STE 8INSSalg Suorldas butpm A ainbrga

/7A¢

01 = K
A0y = d/A¢ —t=
408 = d/A¢ —o—
Z08 = H/AC —8-
206 = H/A¢ —K

me = m\Mm —K-

15




——

-
S~ gt/ ead s 7 - ‘//j e I
~
2pmtrs/ surFooo. \
7}@///)/4 AN Py /
N d
,//»//'y - f"ﬁ/yf
W w Seron
.
| 7
e 8. Leading-Edge and Trailing-zdge Ailerons.

16




Appendix A
IAR 88-110

COMPILATION OF CHARACTERISTICS
OF AIRFOILS
AT HIGH ANGLES OF ATTACK

by

Yong Wang
and

Melvin H. Snyder

—INSTITUTE FOR AVIATION RESEARCH

THE WICHITA STATE UNIVERSITY

WICHITA, KS 67208

August 1988




INTRODUCTION

A data bank of characteristics of a number of airfoils at
high angles of attack has been established at the Institute for
Aviation Research at The Wichita State University. This data
bank has been established for the use of persons attacking stall
and spin problems, wind turbine designers, and those interested
in superaerodynamics (i.e., maneuvering, flight beyond the
stall).

The present report presents the characteristics graphically
for quick inspection and preliminary design work. Those needing

numerical data may apply to the Institute for Aviation Research.




DISCUSSION

The airfoil sections are listed in Table 1 and they are
illustrated in figure 1. Note that only the GA(W)-1 and GA(W)-2
airfoils are shown for a full 360 degree range of angles of
attack (figures 2 and 3). Characteristics of the other airfoils
are shown at angles of attack up to 25 or 45 degrees.

It can be seen from figures 2, 3, and 4 that there are two
parts to the 1ift curve. One type of airfoil flcw is attached
flow, from negative stall to positive stall (alpha is zero plus
or minus 12 to 18 degrees) and attached flow near 180 degrees
angle of attack (airfoil flying backwards). At the other angles,
the flow is separated (alpha fron about 25 degrees to 155 degrees
and about 205 degrees to 335 degrees). In this range there are
also a positive peak and a negative peak of values of lift
coefficient.

The 1ift curves for separated flow are all nearly the same.
It is in the attached region, stall, and just beyond stall that
one airfoil differs from another. For example in figure 3, the
first peak exceeds the second. 1In figure 4 the first peak is
less than the second. The lift coefficient values up to angle of
attack of about 25 degrees are highly dependent on airfoil
profile.

Similar observations can be made about the drag coefficient
curve. The curve (see figures 2 and 3) apvears to be cyclic
except for the angles near zero where the flow is attached.
Again most of the curve is cyclic (except for alpha = + 25

degrees) .




It should be noted that the values shown are for steady-
state conditions. Actual values of the coefficients for an
airfoil with changing angle of attack -- in the region of
positive stall and first negative stall -- depend on whether
angle of attack is increasing or decreasing, and how rapidly the
angle of attack is changing. Examples of hysterisis are shown in
reference 2. This characteristic is of great importance to those
working on stall/spin problems and on wind turbine problems.
Research on aerodynamic hysterisis is continuing at the W.S.U.

Institute for Aviation Research.
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Airfoils Included in Present Report

TABLE 1

Figure

12
13
14
15
19
20
21
22
23

24

Airfoil

GA (W) -1

GA (W) -2

NACA

NACA

NACA

NACA

NACA

NACA

NACA

NACA

NACA

0012

0009

0012

0012H

0015

4409

4412

4415

4418

GA (W) -1

GA (W) =2

NACA

NACA

NACA

NACA

23024

23024

23030

64-3-618

Angle of Attack
‘degs.)

Range

0

0

to

to

to

to

to

to

to

to

to

to

to

to

to

to

to

to

tc

360

360

180

45

45

45

45

25

25

25

25

47

47

45

45

45

45

Notes

Ref. 2

Ref. 2

Ref. 3

Ref. 3

Ref. 3

Ref. 3

Ref. 3

NASA TN 3241

TN 3241

TN 3241

TN 3241

Ref. 2

Ref.

ailerons 0 to 60°
ailerons 0 to 60°
Ref. 1

Ref. 1
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Figure 1. (a) NASA GA(W)-1 and GA(:\')-2 airfoil sections
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Figure 1. (b) NACA 230-series airfoil sections
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Figure 1. (c) NACA 44-series airfoil sections
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Figure 1. (d) NACA 00-series airfoil sections
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Figure 1. (e) NACA 64-series airfoil sections
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Figure 2. (b) Drag coefficients of NASA GA(W)-1 airfoil
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Figure 2. (a) Lift coefficients of NASA GA(W)-1l airfoil
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Figqure 2. (b) Drag coefficients of NASA GA(W)-1 airfoil
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Pigure 4. (c) Moment coefficients of NACA 0012 airfoil

1,20+
3 1.00
|
0.80
(o]
9. 604
0.40 ) NACA 0809 AIRFOIL
| —o— Re: 0.60%10°
" 20 " Rec: 8.508110°
—»— Rec= 0 3b%18°
4 000 1 i 13 ) f | 1 1 1 1

e 5 19 15 20 25 e 15 40 45 50
Atpha ( Degrees )
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Figure 5. (b) Drag coefficients of NACA 0009 airfoil
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Figure 7. (a) Lift coefficients of NACA 0012H airfoil
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Figure 7. (c) Moment coefficients of NACA 0012H airfoil
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Figure 8. (a) Lift coefficients of NACA 0015 airfoil
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Figure 8. (b) Drag coefficients of NACA 0015 airfoil
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Figure 8. (c) Moment coefficients of NACA 0015 airfoil
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Figure 9. (a) Lift coefficients of NACA 00O-series airfoils
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Figure 10. (c) Moment coefficients of NACA 0O-series airfoils
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Pigure 11. (a) Lift coefficients of NACA 00-series airfoils
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Figure 11. (b) Drag coefficients of NACA 00-series airfoils
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Pigure 11. (c) Moment coefficients of NACA 00-series airfoils
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Figqure 12, (b) Drag coefficients of NACA 4409 airfoil
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Figure 12. (c) Moment coefficients of NACA 4409 airfoil
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Pigure 13. (a) Lift coefficients of NACA 4412 airfoil
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Figure 13, (c¢) Moment coefficients of NACA 4412 airfoil
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Figure 14. (a) Lift coefficients of NACA 4415 airfoil
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Figure 14. (b) Drag coefficients of NACA 4415 airfoil
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Pigure 15. (a) Lift coefficients of NACA 4418 airfoil
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Pigure 17. (c) Moment coefficients of NACA 44-series airfoils
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Figure 18. (b) Drag coefficients of NACA 44-series airfoils
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Pigure 19. (c¢) Moment coefficients of NASA GA(W)-1 airfoil
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ABSTRACT

Investigation into the optimal length drooped leading-edge
extension for an untapered, aspect ratio 7.4, NACA 0015 wing was
performed in The Wichita State University 2 X 3 foot water
tunnel. The data were obtained using flow visualization
techniques; force data was not taken. A reflection plane model
was used for this study. Three different leading-edge drooped
extensions were testéd and compared to the basic wing. Leading-
edge drooped extension lengths were investigated by applying
leading-edge cuffs t9 the experimental model at the 60-100% half-
span, 70-100% half-span, and 70-95% half-span positions on the
wing. The tests were conducted at angles of attack from 0 deg.
to 30 deg., with increments of 5 deg., at a Reynolds number of
14,200. At high angles of attack, a vortex developed at the
inboard edge of the Erooped leading-edge extension. This vortex
divided the stalled inboard wing from the apparently unstalled
outboard portion of the wing. From visual observaticns it
appeared that the inboard edge location of 60% half-span
protected more wing area than the other inboard locations tested.
The best location for the outboard edge of the leading-edge droop

extension was observed to be at 95% half-span.
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LIST OF SYMBOLS

Symbol Definition

b Wing Span

c wing chord

c Coefficient of 1lift = L / gS

CL Local or section lift coefficient
DiEE Drooped Leading-~Edge Extension

L Lift

Re Reynolds Number =PV c /u

S Wing Planform Area

v Water Velocity

Y Coordinate in spanwise direction
X Angle of Attack

P Density

K Dynamic Viscosity

r Circulation
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INTRODUCTION

over one-fourth of general aviation fatalities are due to
stall and uncontrollable spin (Ref. 1). Since a pilot is no
longer required to demonstrate stall/spin recovery, greater
emphasis has been placed on improving and delaying stall
departure and the subsequent spin.

The NASA-Langley Research Center has developed many leading
edge extensions to overcome the stall/spin problem (Ref. 2). One
device which shows much promise is the drooped leading-edge
ex;ension (DLEE). NASA has tested these devices in the spin
tunnel and in flight test and has found them to increase the
stall angle and to deter stall departure without having
detrimental effects (Ref. 3).

The purpose of this project was to find the optimum DLEE
length on an untapered wing through flow visualization. The wing
aspect ratio was 7.4 and the airfoil section was NACA 0015 with
no twist. The facility used was The Wichita State University 2 X
3 foot water tunnel. The flow patterns over the airfoil were
made visible by injecting dyes into the stream from the model.
The mcdification done on the basic wing consisted of applying
three different leading-edge cuffs providing three DLEEs on the
leading-edge of the wing from 60-100% half-span, 70-100% half-

span, and 70-95% half-span.
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MODEL CONFIGURATION

The model used was of the reflection-plane type which
allowed a larger wing span and chord to be tested. The airfoil
section of the model is an NACA 0015. This model is shown in
figure 1. The DLEE first tested extended from 60% to 100% of
semispan. This length was decided upon from previous studies
(Ref. 2). The DLEE were shortened to see if a smaller DLEE would
show the same visual effect as the 60% to 100% of semi-span

length. The model with the leading-edge cuffs is shown in figqure 2.

WING AND LEADING EDGE EXTENSION

wing span (simulated) 44.5 in.

half-span 22.25 in.

wing chord 6.0 in.

wing max. thickness 0.9 in.

DLEE extension 5% of chord

DLEE droop 2% of chord

DLEE lengths 60-100% (8.90 in.),

70-100% (6.67 in.),
70-95% (5.67 in.) of half-span




EXPERIMENTAL PROCEDURE

Water flow velocity was set at 0.35 ft./sec.; higher
velocity caused the dye filaments to break up too soon after
leaving the dye ports. Reynolds number was 14,200, based on the
unmodified chord of 6 inches. The first tests were done on the
wing using seven different dye colors to observe the different
flow patterns. Angle of attack was varied from 0 deg. to 30 deg.
to 5 deg. increments. At each angle the flow patterns were
recorded using still pictures and video tape. However, it was
found that still pictures did not supply as accurate a record as
did video taping. This procedure was repeated for each DLEE
tested.

When the leading-edge extension cuffs were attached to the
wing, three dye tubes were placed on the upper surface just
downstream of the inboard DLEE edge. As shown in figure 3, these
tubes were placed where they would not interfere with the flow,
but were positioned to show the flow patterns. It is desirable
t> place the tube outlets at the stagnation point of the wing.
S.nce the stagnation point of the wing changes with angle of
attack, the tubes were placed at the stagnation point for an

aagle of attack of five degrees.
RESULTS

When the wing was tested without the DLEE, it was noticed
that, at zero angle of attack, the wing experienced laminar
separation at approximately 60% c. This laminar separation is

due to the low test Reynolds number of 14,200.
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At low angles of attack (alpha < 5 deg.) the DLEE had very
little effect on the flow over the wing. At an angle of attack
close to 5 deg., the separation line behind the DLEE did not
advance as far forward as on the rest of the wing. This change
is apparently due to turbulence induced by the edge discontinuity
of the DLEE/wing combination.

At 8 deg. angle of attack, a vortex formed on the inboard
DLEE edge. This vortex formed on both the 60-100% half-span and
70-100% half-span DLEE wings and turned in the opposite sense to
the wingtip vortex. Vortex bursting occurred at approximately
50% ¢ when an angle of attack of 10 deg. was encountered. This
bursting is attributed to the adverse pressure gradient on the wing.

At about 15 deg. angle of attack, it appeared that a second
vortex developed on the 60-100% half-span and 70-100% half-span
DLEE wing. This vortex started on the DLEE inboard edge and ran
diagonally along the wing toward the outboard section. This
vortex can be seen in figqure 4. It appeared that this vortex
rotated in the same direction as the wingtip vortex.

Both the 60-100% half-span and 70-100% half-span DLEEs
produced vortices at the same angle of attack. These vortices
appeared to be approximately the same size. However, the 60-100%
half-span DLEE protected more wing area than the 70-100% half-
span DLEE. Through obsgrvation, the area difference was
approximated at 10%. This difference is shown in figures 5 and 6.

When the 70-100% half-span DLEE was modified to 70-95% half-
span the wing tip vortex increased in size. After the

modification was made, the diagonal vortex encountered with the
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70-100% half-span DLEE no longer existed. The flow over the wing
appeared to improve with this modification.

Some analysts have described this vortex as an aerodynamic
fence which prevents the stall from progressing to the outboard
section of the wing. This fanciful description of the observed
phenomenon is an over-simplification.

It is true that there is some tendency for the stalled
region on a wing to spread spanwise even on an untapered unswept
wing. This spread is due to the pressure gradient as shown in
figure 7 (This pressure data is from a reflection plane wind
tunnel test and is supplied as being typical). However, the
spread of the stall is not very great; at a given angle of
attack, equilibrium is quickly attained and the stalled region
remains constant.

In the case of the use of a drooped leading-edge extension,
the part of the wing to which the DLEE is applied has a different
airfoil section -- a section which has a greater chord and,
which, (because of the shift of the chord line and of the zero-

lift line) at a given angle of attack of the basic wing is

operating at a higher aerodynamic ancle of attack. This part of
the wing is developing higher circulation than the adjoining
plain wing. The bound vortex strength is greater. This
difference may be seen by comparing figures 8a and 8b. This
change in the lift generated, and, therefore, the strength of the
bound vorticity must produce a region of fairly intense shedding
of vorticity at the inboard end of the DLEE -- vorticity of

opposite sense to that shed over the rest of the semi-span.
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It can be seen, from figures 4, 5, and 6, that this
additional counter-rotating trailing vortex has its apparent
origin at the leading-edge discontinuity at the inboard end of
the DLEE (similar to the way the vortices on a delta wing
apparently originate at the apex, but, in fact, are generated all
along the leading-edge).

This vortex does not trail downstream parallel to the
freestream direction, again for the reason of the spanwise
pressure gradient. Figure 9 pictures this spanwise pressure
gradient which drives the vortex outboard. This pressure
gradient is stronger than that illustrated in figure 7, because
the airfoil sections have different camber, chord, and

aerodynamic angle of attack.

CONCLUSION

1) The wing experienced laminar separation at approximately 60%
chord, at an angle of attack of zero degrees. This was caused by
the low Reynolds number.

2) With an added DLEE, flow visualization patterns on the wing
changed very little at low angles of attack (alpha < 5 deg.).

3) At approximately alpha = 8 deg., a vortex, rotating opposite
to the tip vortex, formed on the inboard DLEE edge.

4) At about 15 deg. alpha, a second vortex developed. This
vortex appears to be rotating in the same direction as the tip
vortex and is diagonal on the wing surface.

5) Vortex bursting occurred at alpha = 10 deg., at 40% chord,

and then moved forward at higher angles of attack.




6) When the outboard edge of DLEE was brought in from 100% of
the semispan to 95% of the semispan, the tip vortex increased in
size. This caused the flow behind the DLEE to improve.

7) From the inboard cuff locations tested, the best cuff
position is with the inboard end at 60% half-span. The 60%
location was chosen because more wing area remained unstalled
than with the other cuffs.

8) The best procedure for recording this flow visualization
data is the use of motion pictures. Still pictures were found to
be unreliable.

9) Wind tunnel force and pressure distribution tests are being

run at W.S.U. and will be reported in the near future.
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Figure 4. DLEE Extends from 70 to 100 Percent of Semi-Span.
o - 150

FIGURE 5. DLEE from 70 TO 100 Percent of Semi-Span.
o= 200
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Figure 6.

DLEE from 60 to 100 Percent of Semi-Span.
a = 200




+V

Xc

Figure 7. Origin cof Pressure Gradient which Tends to Promote
Spanwise Movement of Stalled Region on Straight Wing.

B-14




l

|

!

|

¢ Y- 5

a. Lift Distribution on Straight, Constant-section
Wing Below stall.

LJRe ion of
- DLEE .

—

i

O —
<

|

sg'

b. Lift Distribution on Wing with D
L
Section. I EE on Outboard

Figure 8.

B-15




4

a.

Wing with DLEE at Angle of Attack Producing Stalled
Inboard Sections.

\ v/

11V

b. Pressure Distributions at Sections A and B.

Figure 9.




Appendix C
IAR 88-112

EXPERIMENTAL STUDY OF SEPARATED
FLOW FIELD ON AN NACA 23024
RIGHT WING

by

Yong Wang
and

Melvin H. Snyder

— INSTITUTE FOR AVIATION RESEARCH

THE WICHITA STATE UNIVERSITY

WICHITA, KS 67208

September, 1988




ABSTRACT

Detailed experimental measurements have been made of the
separated flow field on a right wing with an NACA 23024 airfoil at
angles of attack from 4 to 40 degrees, at chord Reynolds number
0.9x105, and Mach number 0.175. The data include force
measurements by main balance, and surface pressure measurements at
six spanwise stations obtained by use of pressure belts.

The results indicated use of pressure belts can produc: good
surface pressure distribution even at high angles of attack. The
présent tests reveal that the wing tip vortex has a very

important influence on the wing forces.
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INTRODUCTION

High angle-of-attack aerodynamics has increased in
importance over the last several years, because of the demand for
greater maneuverability of space shuttle vehicles, missiles,
military and commercial aircraft (both manned and remotely
piloted), and also because the statistics of fatal general
aviation accidents have shown that the stall/spin has been one of
the most significant accident causes for the past decade. NASA
Langley Research Center and Federal Aviation Administration (Faa)
are conducting a large number of research programs to develop the
technology required to improve stall/spin characteristics of
light general-aviation aircraft (2].

In response to this interest, the Institute for Aviation
Research at The Wichita State University has begun to investigate
the Jundamental aerodynamic characteristics of airfoils and wings
at high angles of attack [11,12,14]). Some of this effort has
focused on wing aerodynamics including a wing leading-edge
modification, consisting of a discontinuous drooped leading
edge added to the outer wing panel to enhance spin resistance
[93.

As a part of the continuing stall/spin research program of
the I.A.R. the main objectives of this research project are:

a. obtaining experimental data to support the analytical

work on high angle of attack airfoils and wings.

b. to develop wind tunnel testing techniques and data

acquisition and processing procedures.




c. using experimental data to certify the technique of
pressure belts for surface pressure measurement at high

angles of attack.
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EXPERIMENTAL INVESTIGATIONS

Facility And Instrumentation:

All tests were conducted in the WSU 7 x 10 ft. Walter Beech
wind tunnel [3]. Instrumentation consisted of the tunnel main
balance, on-line data acquisition and control system, manual
five-hole probe traveling mechanism, five-hole probe and strip-a-
tube pressure belts.

The model was an untapered, untwisted, reflection plane wing
having NACA 23024 airfoil sections. The model has 9-inch chord
and 60-inch semi-span, and was fabricated from solid aluminum.
The basic NACA 23024 airfoil section is shown in Fiqure 1. The
model was sized to permit testing through 360 degrees angle of
attaclk with minimal wall interference. Force data corrections

were small (13,14].
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inch thick aluminum plate, 15 inches (2 chords} in diameter (as
shown in Figure 2). The disk introduces a dynamic tare to the
balance data which was-evaluated by running the tunnel with the
plate but without the wing panel.

In order to reduce the probe position shift error in 2
direction, the manual five-hole probe traveling mechanism, with
two supporting arms, used the same origin for motion in the 2

direction for all tests. Two rigid supporting arms were used to
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support the mechanism to reduce the probe vibration when it is in
the turbulent wake from a separated boundary layer.

Forces and Surface Pressure:

Force measurements were obtained using the tunnel main
balance for angles of attack from -8 to 44 degrees, and force
results are presented in terms of coefficients of the usual wind-
axis forces (C;, Cp and Cy). The surface pressures were obtained
by use of pressure belts at six span-wise stations (10%, 40%,

60%, 80%, 90% and 95%) and at five angles of attack (4, 10, 20, 30
and 40 degrees); each of these stations has 20 pressure
measurement points. Surface pressure data are presented in terms
of pressure coefficients.

Range of Tests

All tests were conducted at tunnel dynamic pressure of 4S5
psf which corresponds to chord Reynolds number of 0.9x10% and
Mach number of 0.175.

Corrections and Data Reduction

The standard wind tunnel corrections [10] accounting for
flow angularity, solid blockage, wake blockage, turbulence and
horizontal buoyancy, are incorporated in wind tunnel data
processing computer program (4,14].

The wind tunnel is equipped with an automated data
acquisition system capable of real-time plotting and gives
corrected force coefficients output as well as raw data. For high
angles of attack, flow in the turbulent separated boundary layer
and in the wake is basically unsteady, therefore, data recorded

were time-averaged quantities.



RESULTS AND DISCUSSIONS

The reduced data are presented. Figures 3 through 8 are
plots of wing force coefficients and moment coefficients measured
by main balance and compared with values calculated from surface
pressures. Figures 9 through 13 are the pressure distributions at
different spanwise sections for various angles of attack. Figures
14 through 15 are spanwise distribution of the wing section force
coefficients.

Force Results:

Figures 3 through 5 are the 1ift, drag and moment
coefficients of NACA 23024 right wing for the angles of attack
from -8 to 44 degrees at chord Reynolds number of 0.9x10% for

GQifferent tests. Run No.l is the first force measurement test
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Run No.33 is the repeat force test after the surface pressure
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accordance with reference [15]. The agreement between the three
sets of data, as seen in Figures 3 through 8, appears to be quite
good over most of the test range. The agreement of the drag
coefficient values is particularly surprising since the balance
data was for total drag, but the pressure belt values were for

pressure drag only, i.e., without viscous drag. The repeatability

is very good up to angle of attack of 35 degrees. The greatest
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deviation appears in these sets of data in the range of angles of
attack from 35 to 45 degrees. In this region, flow is separated
and the model vibrates. Repeatability of force data in this region
is not very good.

Figure 3 is the 1ift coefficient results of the right wing
for angles of attack from -8 to 44 degrees. This plot shows a
smoothing of the normal sudden drop in lift coefficient after
stall and comparatively large values of C; at very high post-
stall angles of attack. There appear to be three major reasons for
this difference between 3-D post-stall lift and 2-D post-stall
lift. First, NACA 23024 airofil is a very thick airfoil with big
radius of leading edge. This prevents flow separation on upper
surface near leading edge, and flow in this region can produce
gquite an amount of 1ift even when flow has been stalled near the
trailing edge at angles of attack up to 20 degrees. Verification
can be found from wing section pressure distributions in Figures
10 and 11. Second, for the finite span wing, the trailing
vortices induce downwash at sections along the entire span which
change the effective angle of attack along the span; the
effective angle of attack at outboard sections is.lower than that
at inboard sections, so the flow near the tip is separated later
than inboard. Third, at very high angles of attack, the wing tip
vortex becomes very strong, even when the inboard section flow
has bteen fully separated. The wing tip vortex still can create
vortex lift near the tip sections [5,6,7]. All of these factors
combine to prevent the sudden falling in lift coefficient as
angle of attack increases. This can be seen by examining pressure

distributions in Figures 11, 12 and 13.
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Wing Section Pressure Distributions:

Figures 9 through 13 are the wing sections pressure
distributions at angles of attack equal to 4,10,20,30 and 40
degrees. First, it should be pointed out that it is very
difficult to obtain the surface pressure data at trailing edge by
using the pressure belts in this test. The data points at
trailing edge on the curves in these figures are not real
measured data in the wind tunnel test. They are obtained by
extrapolating and averaging the other data values around the
trailing edge to make the curves of pressure distributions in
closed form. From these figures, one can see that as angle of
attack increases from 4 degrees to 40 degrees, the stagnation
point, which corresponds to Cp=1.0 on the plots, moves backward
from leading edge to 10% on the lower surface.

Figure 9 and 10 are the wing sections pressure distributions
at angles of attack of 4 and 10 degrees. From these two plots it
can be seen, the flow does not separate in this range of angles
of attack, and the pressure distributions vary in the spanwise
direction. The inboard section has a larger minimum pressure peak
on upper surface than does the outboard section. As alpha
increases from 4 degrees to 10 degrees, the pressure gradient in
the spanwise direction increases. The effective angle of attack
changes in the spanwise direction, and the effect of it is
proportional to the lift coefficient, so as angle of attack
increases, the effect increases as can be seen

by comparing the two plots.
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For angle of attack equal 20 degrees, flow at most sections
of the wing has been separated. Figure 11 shows, in the 40% to
90% spanwise range, the separation points stay at about 30% chord
aft of the leading edge. At inboard sections flow separated earlier
at about 18% chord. At the wing tip section (2y/B=95%), the flow
does not appear to separate over the entire section. In the
forward part of the section (40% chord), the peak and the range
of low pressure is much greater than at inboard sections. The
suction downstream of 40% chord is lower than that at inboard
sections. The main reason for this pressure distribution is the
existence of a wing tip vortex and its position and strength.
Near the leading edge, the vortex is strong. The tip-vortex core
is near the upper surface, so it can produce a high velocity flow
in spanwise direction on upper surface, which can produce a high
suction pressure peak. But, in the region far behind the leading
edge, the core of the vortex is far from the surface when the
angle of attack is large. The effects of the vortex are not as
strong as near the leading edge. On the other hand, because the
air with higher pressure on the lower surface has been rolled up
to the upper surface, the difference of pressure between the
upper and lower surface becomes smaller and smaller in the flow
direction and is lower than that at inboard region.

For 30 degrees angle of attack, the separation point moves
forward up to about 10% chord for all the inboard sections (to
80% spanwise). After the separation point, the pressure is almost
constant for the following area. In the region near wing tip, the
separation point is still at about 40% chord behind the leading

edge, and the suction peak and area is still quite high and
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large. From these results, we can conclude that the tip vortex
has a strong influence on wing tip pressure distribution until
angle of attack equals 30 degree. We can find the pressure
distribution from the Figure 12 and 13.

For an angle of attack of 40 degrees, the win§ tip vortex
core is far away from the surface; the influence of the vortex on
the surface pressure distribution is not so strong as at lower
angles of attack, and the separation point moves forward to 5%
chord after leading edge position for the all spanwise sections.
From Figures 14 and 15, we still can find the influence of the
tip vortex, which makes the suction pressure near the tip higher
than on inboard sections.

Spanwise Section Force Coefficients Distributions:

Figures 14 and 15 are the wing sections force coefficient
distribution in the spanwise direction, obtained by the
integration of the pressure data in the chordwise direction. For
angle of attack of 4 and 10 degrees, the flow is not separated,
and the wing tip vortex is not very strong, the spanwise force
distributions are almost elliptic; this result agrees well with
finite span wing theories ([1]. For higher angles of attack, these
theories on longer can used to estimate the spanwise for:es
distribution because of large area flow separation and existence
of strong wing tip vortices. For moderate angles of attack, both
effects are of the same order, so it is more difficult to give an
exact explanation for the test results, the lift distribution at
alpha=20 degrees is a result of this kind. The reason why the
lift reaches its maximum value at 40% spanwise is not verv

clear. It needs further experimentil test and analysis.
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For angles of attack of 30 and 40 degrees, the inboard flow
has fully separated, so the force does not change very much until
near 80%. From Figure 14, we find that wing tip vortex influence
region is from 80% to the tip, and the vortex makes the force
coefficients in this region much higher than those at inboard
sections. The lift coefficient near wing tip is about 40% higher

than that at inboard sections.
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CONCLUSIONS

Wing forces, surface pressure distributions, and
velocity vectors have been obtained for NACA 23024
right wing and wing section at pre-stall, stall and
post-stall angles of attack conditions. The velocity
vector data do not include reverséd flow regions of
separated boundary layer and wake.

The results of force data, both from balance and
surface pressure data integration, show that using
pressure belts is a simple and effective method for
getting surface pressure distribution even at post-
stall angles of attack.

The wing tip vortex has an important influence on the
force distribution at high angles of attack, which
can induce high lift near the tip region that is
about 40% higher than the inboard section at the same

post-stall angle of attacks.
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RECOMMENDATIONS

Flow visualization is recommended to investigate
tip vortex position and its influence range at high
angles of attack.

Some force measurements at other Reynolds numbers

and Mach number are recommended to study the

influence of hoth parameters on the aerodynamic

properties of the wing.
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NACA 23824

Upper Surface Lower Surface
xX/C z2/¢ xX/c z/¢
0.00000 0.00000 0.00000 0.00000
.00277 .04017 .02223 -.03303
.01331 .05764 .03669 -.04423
.03853 .08172 .06147 -.05862
.06601 .09844 .08399 -.06860
.09423 ' .11049 -10577 -.07647
.15001 .12528 -14999 -.08852
.20253 -13237 .19747 -.09703
.25262 .13535 -24738 -.10223
.30265 .13546 .29735S -.10454¢
.40256 .12928 .39744 -.10278
.50238% 11690 .49766 -.09428
.60202 .10008 .59798 -.08242
.70162 .07988 .69838 ~-.06664
.80115% .05687 .79884 ~-.048¢C3
.9006¢ .03115 .89936 -.02673
.95036 .0172¢ .94964 -.01504
1.00000 .00000 1.00000 0.00000

Figure 1, Model Section Geometry and Coordinates
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Figure

2.

Model

and Reflection Plane in Test Section
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