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1.0 STATEMENT OF THE PROBLEM

The primary objective of the research program supported by this grant was the
experimental investigation of helicopter rotor blade-vortex interaction (BVI)
phenomena at transonic blade Mach numbers, and at Reynolds numbers
representative of actual helicopter flight operations. This study included an
investigation of both the perpendicular (vortex core perpendicular to the blade
leading edge) and parallel (vortex core parallel to the blade leading edge) interaction
geometries. The tests were conducted in UTA’s Transonic, High-Reynolds Number,
Ludwieg-Tube Wind Tunnel (Ref. 1). Supporting tests were also conducted in
UTA’s Low Speed Wind Tunnel (Ref. 1).

Principal test variables included Mach number, Reynolds number, vortex
strength, vortex-airfoil interaction geometry, and height of the vortex core above the
test airfoil. The experimental characterization of the BVI interaction included
detailed probing of the vortex structure (total pressure rake and 5-hole probe
surveys), airfoil surface pressure distributions, smoke-flow visualization (low-speed
wind tunnel) and holographic interferometry (transonic wind tunnel). The
holographic interferometry study was initiated as part of this grant program and
subsequently transferred to a second ARO grant (DAAL03-86-K-0149) that is still in

progress.




2.0 SUMMARY OF RESULTS

As stated in Section 1.0, the investigation of both the perpendicular and parallel
blade-vortex interactions was conducted in the low speed wind tunnel as well as the
transonic Ludwieg-tube wind tunnel. The perpendicular interaction is essentially a
three-dimensional steady-flow phenomenon, whereas the parallel interaction is a
two-dimensional transient-flow phenomenon. The geometries are illustrated in Fig.
2.1. The perpendicular interaction was simulated by using a semi-span vortex
generator wing located at the entrance to the test section and pitched to a pre-set
angle of attack to generate a tip vortex that trailed downstream to interact with an
instrumented test airfoil. For the simulation of the parallel interaction, a full-span
vortex generator airfoil was located at the entrance to the test section, and
impulsively-pitched to a pre-selected angle of attack after stabilization of the tunnel
flow to shed a starting vortex that convects downstream past an instrumented test
airfoil.

A summary of the significant results of the investigation is presented in the
following sections for both the low-speed and transonic wind tunnel test programs.
Copies of the individual conference papers and journal publications are included in
Appendix A.

2.1 Low-Speed Wind Tunnel: Perpendicular Interaction

The principal results of the low-speed vortex-airfoil interaction tests are
presented in Ref. 2, that is reproduced in the Appendix.

The low-speed tunnel tests were conducted using a pressure-tapped wing
model that spanned the test section and located downstream of a half-wing model
that generated a tip vortex. Tests of this perpendicular vortex-airfoil interaction
showed that the vortex caused a substantial change in the pressure distribution of
the downstream wing. The effect of the vortex on the airfoil pressure distribution

was most-pronounced near the leading edge of the airfoil. The vortex also exhibited




a spanwise drift as it passed over the wing. The spanwise drift was in the same
direction as the spanwise component of the induced flow at the wing surface, and
may be attributed to an image effect, similar to the drifting apart of a wing's trailing
vortices as they approach the ground.

In order to calculate the observed spanwise drift of a vortex during a
perpendicular vortex-airfoil interaction in the low-speed wind tunnel, a simple
calculation scheme was formulated and reported in Ref. 3. A copy is included in the
Appendix. The scheme was based on the lifting-line solution of a wing’s spanwise
load distribution, as influenced by the interacting vortex, with the bound vorticity
distributed along the chord in accordance with thin airfoil theory.

The resulting vortex drift calculations were in good agreement with
experimental results for vortices which were not too close to the airfoil surface. The
drift of a close-in vortex was substantially affected by its viscous core, a feature not
incluc.ied in the calculation scheme.

2.2 Low-Speed Wind Tunnel: Parallel Interaction

Low-speed wind tunnel tests were conducted to investigate the parallel blade-
vortex interaction and reported in Refs. 4-5. Flow visualization tests of vortex
generation performed prior to the pressure tests showed that a well defined starting
vortex was generated by an impulsively pitched wing. Time history of the pressure
distribution on a pressure-tapped wing model was acquired as the starting vortex
passed over the wing. These pressure tests revealed that a substantial pressure
change near the leading edge was induced by the encountering vortex. The effects of
vortex proximity, reduced frequency and maximum piich angle of the vortex
generator on the pressure change were also investigated.

Further tests were conducted to determine the damping effects of the 3-foot
long, 1/16-in diameter tube between static pressure ports and the pressure

transducer. A smaller transducer was placed inside the airfoil, reducing the tube




length to approximately six inches and many of the tests were rerun. As expected,

the results showed that the magnitude of pressure changes had been damped (in the

original tests) by as much as a factor of two. Also, secondary smaller pressure
variations, perhaps due to generation of multiple parallel vortices, were detected
with the shortened tube length. However, all qualitative features of the original

BVI tests remain unchanged.

2.3 Transonic Wind Tunnel: Perpendicular Interaction
The perpendicular blade-vortex interaction was simulated in UTA’s high-

Reynolds number, transonic, Ludwieg-tube wind tunnel (Refs. 1,6). The specific

objectives of this phase of the investigation were to first develop the capability of

performing blade-vortex interaction experiments in short-duration test facilities,
and then to quantify the effects of Mach number, Reynolds number, vortex strength,
and interaction geometry on the perpendicular blade-vortex interaction. The Mach
number range of the tests was from 0.68 to 0.86, with chord Reynolds numbers

varying from 3.8 to 5.5 million. Details of the investigation are reported in Refs. 7-8,

and a brief summary of the significant results is presented below.

1. Use of the Ludwieg-tube facility proved to be quite adequate for simulating the
perpendicular blade-vortex interaction at transonic Mach numbers and realistic
flight Reynolds numbers. Tuning of the starting valve timing sequence
resulted in steady-flow testing times of about 120 msec, which proved more
than adequate with the existing data acquisition system (1 msec data scanning
interval). The vortex surveys required repeated tunnel firings at the same test
conditions in order to map the vortex structure, however, repeatability tests
indicated that run-to-run variations of test conditions were minimal.

Extensive tests were run to verify the accuracy of the Ludwieg-tube tunnel
in duplicating published data on surface pressure distributions for the NACA-

0012 airfoil used in the BVI study. The resulting agreement was excellent at




subcrincal and low supercritical Mach numbers, however at higher super-
critical Mach numbers (M, > .8 ), slight surface irregularities associated with the
procedure used for installation of the pressure taps caused the shock to occur at
a more forward chord station than indicated by data from larger tunnels. This
limited the confidence level in the results at the higher free-stream Mach
numbers.

The trailing tip vortex proved to be quite intense, with total pressure deficits in
the viscous core of the order of 25 percent of the free-stream total pressure. A 5-
hole probe survey indicated that the vortex possessed a well-defined viscous
core (d/c = 0.25). The total pressure as well as the 5-hole probe surveys
indicated a high-frequency fluctuation of pressure within the core of the vortex,
with total pressure fluctuations on the order of 10 to 15 percent of the free-
stream total pressure, and a frequency of at least 1 kHz. These fluctuations are
thought to be a result of a high-frequency meandering of the vortex core. Time
averaging of the transient pressure measurement yields a steady, repeatable
time-mean pressure contour map.

The interaction of the vortex with the trailing airfoil results in a span-wise
deflection of the vortex core as it passes over the airfoil. The trend was
qualitatively similar to that observed for the low-speed tunnel test, although
the magnitude of the span-wise deflection was considerably larger at transonic
conditions (s/cmax = 0.42 compared to s/cmax = 0.16 for the low-speed test).

The interaction of the tip vortex with the trailing airfoil also results in a
significant change in the airfoil surface pressure distribution. Again the results
were qualitatively similar to those observed in the low-speed wind tunnel,
with the predominant effect occurring near the airfoil leading edge. The
increase in the peak (negative) pressure coefficient correlated with vortex

strength and height of the vortex core above the airfoil surface. Integrated




upper surface pressure coefficients indicated a peak ACp of about 40 percent for

the case of the strongest vortex and closest encounter.
2.4 Transonic Wind Tunnel: Parallel Interaction

The objectives of this test program were similar to those described in Section
2.3; the primary difference being the change in interaction geometry and method of
generating the vortex. Detailed results will be presented in Ref. 9, which is being
prepared for submission to the AIAA 20th Fluid Dynamics, Plasma Dynamics and
Lasers Conference. A copy of the abstract is included in the Appendix.

The transonic flow investigation consisted of three distinct sets of experiments:
1) Development of the technique of generating a starting vortex by impulsively
pitching a full-span NACA 0012 airfoil section to a pre-set angle of attack after
stabilization of the tunnel flow. Maximum pitch rates of 14 rad/sec were obtained,
which correspond to reduced frequencies of about .003. A total pressure rake
containing five high-response Kulite model XQ-093-50 probe transducers was
located downstream of the pitching airfoil to characterize the transient pressure
fluctuations associated with generation and shedding of the starting vortex.
Supporting CFD simulations of the vortex shedding associated with the impulsive
pitch maneuver were carried out by Dr. Henry Jones at NASA-Langley Research
Center to aid in the qualitative interpretation of the flow structure, and will be
incorporated into Ref. 9.
2) Dynamic calibration of an instrumented NACA 0012 airfoil in the transonic
wind tunnel. The airfoil contained eight (8) fast-response, surface-mounted Kulite
model LQ-080-100 pressure transducers. These were located from the 10 percent to
80 percent chord station (10 percent intervals). Small surface irregularities
associated with the transducer installation (particularly in the high-curvature
region near the leading edge of the airfoil) resulted in a departure of the base-line

pressure distribution from established NACA 0012 data. Therefore, the results

e



presented for the subsequent BVI experiments are focussed on explanation of the
departure of the pressure distribution from the base-line distribution due to passage
of the vortex.

3) Simulation of the parallel BVI encounter in the transonic wind tunnel at Mach
numbers ranging from 0.7 to 0.85, and airfoil chord Reynolds numbers of 3.5-5.5
million. The experimental results indicate ‘a substantial change in pressure
distribution over the leading 30 percent of the airfoil, with noticeably reduced effect
over the trailing region of the airfoil. Again, this is qualitatively similar to the
results observed in the low-speed tests, and also in agreement with the results
presented by Caradonna (Ref. 9). This is in sharp contrast to the conclusions of
Srinivasan, et. al (Ref. 10) and Jones (Ref. 11) that were based on CFD simulations of
the parallel blade-vortex interaction. Their results suggested a more-uniform level
of interaction over the entire chord-wise extent. Experimental data for supercritical
Mach numbers suggests a very strong interaction of the vortex and the airfoil upper
surface shock wave, and at closer encounters, these interactions cause an unsteady
flow separation of the leading 40 percent of the airfoil chord. Experiments with
stronger vortices at supercritical Mach numbers result in a forward propagation of

the airfoil shock wave.

2.5 Holographic Interferometry Using Photorefractive Crystals as the Recording
Media

The research into holographic interferometry was initiated to provide
qualitative flow visualization to support the interpretation of aerodynamic data
taken in the Ludwieg-tube transonic wind tunnel. The unique feature of the
system that was developed involves the use of photorefractive crystals as the
recording media, rather than photographic film. This permits the use of
volumetric storage via angular multiplexing, the ability to work in ordinary

laboratory environments without darkroom requirements, direct data transfer of




the recorded holograms into a digitizing camera for improved data processing and
the future promise of dynamic holography. This research effort was initiated as
part of this grant, and subsequently transferred to another ARO Grant (DAAL03-86-
K-0149) that is still in progress. The system has been installed in the transonic
Ludwieg-tube wind tunnel facility, and research is currently in progress to provide
qualitative interpretation to the various blade-vortex interaction flow fields that
were previously investigated with standard aerodynamic diagnostic techniques.

The results of this investigation will be presented in a subsequent publication.
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VORTEX-AIRFOIL INTERACTION TESTS

Donald D. Seath and Doaald R. Wilson
Aerospace Engineering Department
The University of Texas at Arlington
Arlington, Texas 76019

Abstract

Low-speed wind tunnel tests were coaducted of a
pressure-tapped wing model that spanned the test
section and was located downstream of a half-wing
model that generated a tip vortex. Tests of this
perpen-dicular vortex-airfoil interaction showed
that the vortex caused a substantial change in the
pressure distribution of the downstream wiag and
also exhib-ited a spanwise drift as it passed over
the wing. The spanwise drift was in the same
direction as the spanwise component of the induced
flow at the wing surface, and may be attributed to
an image effect, similar to the drifting apart of a
wing's trailing vortices as they approach the
ground.

Introduction

Interactions between airfoils and vortices are
of particular interest to helicopter designers when
predicting rotor performance. Flow visualization
studies of rotor blades have reveled vortices from
previous blades passing close to and sometimes
intersecting a following blade. The interaction
geometries appear to include all possible orienta-
tions between the blade and the axis of the vortex.

Perhaps the easiest interaction geometry to
simulate in a wind tunnel is the so-called perpen-
dicular interaction wherein the core of the vortex
filament is perpendicular to the spanwise direction
of the wing. This paper reports on the results of
perpendicular vortex-airfoil interaction tests in a
low-speed wind tunnel.

Experimental Set-up

The vortex-airfoil interaction tests were
conducted in the UTA Low-Speed Wind Tunnel. The
wind tunnel is a closed-return type and is capable
of speeds up to approximately 200 ft per sec in its
3-foot-wide by 2-foot-high test section. A
6-foot-span, 10-inch-chord wing model (NACA 64A015
section) with chordwise pressure orifices on upper
and lower surfaces at mid-span was placed across
the tunnel with both ends extending through holes
in the side walls, effectively end-plating the wing
and allowing the wing to be moved in the spanwise
direction, positioning the pressure orifices
laterally relative to the position of the trailing
vortex (See Fig. 1).

The trailing vortex was generated by a half-wing
model with a 19.25-inch span and an 1ll-inch chord
(approximately an NACA 0015 section), attached to
the tunnel side wall 33 inches upstream of the test
wing model. The half-wing model can be moved
vertically, thus allowiang vertical positioning of
the trailing vortex relative to the downstream tast
wing model. A sting balance was used to measure
the lift on the half-wing model.

A small Pitot tube probe was used to survey the
wake of the half-wing model and determine the

Copyright © American Institute of Aerowaatics and
Astronautics, Inc., 1986. All rights reserved.
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Fig. 1. Wind tunnel test set-up.

All dimensions in inches.

position of the trailing vortex by measuring the
stagnation pressure deficit in the vortex core.
Also, a flow field velocity survey of the trailing
vortex was made with a 1/8-inch-diameter, five-hole,
hemispherical-head pressure probe.

Oil-base artist paint was thinned with naptha
and used to visualize the flow patterns on the
upper surface of the downstream wing model as the
trailing vortex passed nearby.

Tests Results

Low-speed wind tunnel tests were conducted with
a free-stream dynamic pressure of approximately
11.1 psf and unit Reynolds number of 500,000 per ft.
The downstream test wing was set at approximately
zero angle of attack for all tests, and the vortex
generator half wing was set at 5, 10, or 15 degrecs
angle of attack, with lift coefficients of 0.29,
0.65, and 0.99, respectively.

A reference pressure distribution for the
airfoil at approximately zero angle of attack was
taken without the vortex generator half-wing in
tunnel aad is presented in Fig. 2.

When the vortex generator wing was placed
upstream of the airfoil the location of the
trailing vortex was determined by means of a
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Fig. 2. Reference pressure distribution for
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Pitot-tube survey. The point of minimum stagnation
pressure on the Pitot tube was taken as the
location of the center of the vortex core.

The position of the vortex core as it passed

over the airfoil was measured at several chordwise
stations and a typical path

is shown in Fig. 3.
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Fig. 3. Vortex position with respect to leading
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The vortex lateral (spanwise) displacement from
leading edge to trailing edge is called spanwise
drift. The amount of spanwise drift depends on the
strength of the vortex (which is a function of the
lift on the vortex generator) and the vortex
distance (height) above the airfoil. Measurements
of vortex drift were made for three vortex
strengths and various vortex heights and are
presented in Fig. 4.
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Visual verification of the vortex spanwise drift
was accomplished by oil paint applied to the upper
surface of the airfoil by.means of a long tube with
a rubber bulb on one end. The tube was loaded with
the thinned-out paint and used to apply drops of
paint on the airfoil surface while the tunnel was
operating. Thus with a little practice, one could
apply the paint at the proper locations, relative
to the vortex, to visualize the flow separation and
attachment lines on the airfoil. Figure 5 is a
photograph of a surface oil flow pattern for a
vortex generator at 10-degrees angle of attack and
the vortex approximately 0.1 c above the airfoil as
measured at the leading edge.

For reference purposes a white string was
stretched over the airfoil after the flow pattern
was established and the tunnel turned off. The
string is directly under the measured vortex posi-
tion at the leading edge and extends back to the
trailing edge in a chordwise (streamwise) direction.
Figure 6 shows a sketched interpretation of the oil
flow pattern. The converging oil streaks indicate a
separation line and the diverging streaks indicate
an attachment line. The spanwise displacement of
the separation and attachment lines indicates a
spanwise drift of the vortex core above the airfoil
surface. This spanwise Jdrift is explained by the
fact that a free vortex will move with the local
flow field and therefore its axis will be aligned
along a streamline. Because the trailing vortex
passes close to the airfoil surface, there must (in
effect) be an image vortex below the surface to
cancel the perpendicular component of the flow
induced by the vortex at the surface. This image
vortex induces a lateral flow component at the
trailing vortex position, causing the local flow to




Fig. 5. Photograph of surface oil flow pattern on

airfoil with vortex passing above surface

have a spanwise component and deflecting the vortex
in a spanwise direction (see sketch in Fig. 7).
This situation is not unlike the spanwise movement
of a trailing vortex as it approaches the ground.

An attempt is presently underway to predict the
trailing vortex path by superimposing the
image-induced velocity with the local velocity over
an airfoil. The transverse velocity component of
the trailing vortex, measured with a 5-hole
pressure probe (without the airfoil present), is
shown in Fig. 8. These results are considered
preliminary at this time.

Since the position of the vortex over the airfoil
is now known, the upper and lower surface pressures
were measured directly under the vortex at several
chordwise locations. These result:s are presented
in Fig. 9 and show a definite effect of the vortex
on the airfoil pressure distribution.

Conclusions

The results of these low-speed wind tunnel tests

of an upstream-generated tip vortex trailing
downstream past an airfoil, indicate two
distinctive vortex-airfoil interaction effects.

(1) The presence of the vortex induces a flow which
decidedly changes the pressure distribution of the
airfoil; (2) Also, the presence of the airfoil
causes a lateral deflection (drift) of the vortex
as it passes near the airfoil surface.

Future Work

Some of the results presented are from prelimi-

nary tests of the perpendicular vortex-airfoil
interaction. Further detailed tests have been
conducted and, whereas some of the quantitative
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Fig. 6. An interpretation of the oil flow

pattern in Fig. $

results may change slightly, the qualitative results
(trends) are not expected to change.

Tests are also being conducted in the UTA
Transonic Wind Tunnel Facility to determine blade-
vortex interactions in Mach number and Reynolds
number ranges more representative of helicopter
operations. Also, tests of parallel vortex-airfoil
interactions are underway in the low-speed wind
tunnel and are being planned for the tramsonic
facility.
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An in-house program to develop flow visualization
capability via laser holographic interferometry is
currently in progress, and will be implemented in
forth coming investigation of the perpendicular
blade-vortex interaction in the transonic Ludwieg
tube tunnel. The technique bieng developed is
similar to that used by Kittleson (Ref. 1) for
obtaining holographic interferograms of the tran-~
sonic field about a hovering rotor. A pulsed,
frequency-doubled Nd:YAG laser will provide the
optical source. Optical access is provided through

\—
X VORTEX PATH
e
w,——;, Ve
0.6
Y
A 6.0
f
[
{ ?-0.4
AC, s C ¢ o]
P "PvorTEX  Puo voRTEX ac,
O QO UPPER SURFACE 0.08
A A LOWER SURFACE 0.075 o ﬁ-O.Z
0.10 o]
Y/C = 0.14 o
[
1 N L X . 0
3 3.3 9.3 5.3 " 5
a X/C
a 4 .
a10:2
&
-
Fig. 9. Difference in pressure coefficient with

and without vortex, measured directly
under position (X,Y) of vortex above
upper surface of airfoil. Vortex
generator lift coefficient is 0.65 and
vortex was approximately 0.09 C above
airfoil at the leading edge.

3-inch diameter optical windows located at the
airfoil mounting station. Both qualitative flow
field visualization and quantitative density distri-
butions are possible with this technique.
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AN EXPERIMENTAL INVESTIGATION OF THE PERPENDICULAR VORTEX-AIRFOIL
INTERACTION AT TRANSONIC SPEEDS*
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ABSTRACT

Transonic vortex-airfoil interaction tests at
Mach numbers ranging from 0.68-0.86 and airfoil
Reynolds numbers of 3.8-5.5 million were conducted
in the UTA high-Reynolds number, transonic Ludwieg
tube wind tunnel. The scheme involves position-
ing a lifting wing (vortex generator) upstream
of a NACA 0012 airfoil so that the trailing vortex
interacts with the downstream airfoil. Tests were
performed at several vortex strengths as well as
several vortex core heights above the downstream
airfoil. The results obtained from these experi-
ments indicate a substantial change in the pressure
distribution of the airfoil,a spanwise drift of the
vortex core as it passes over the trailing airfoil
similar to the results observed previously in low-
speed wind-tunnel tests conducted at UTA, and a
high degree of unsteadiness in the vicinity of the
vortex core.

NOMENCLATURE
C airfoil chord
Cp pressure coefficient
Cp average pressure coefficient
C; critical pressure coefficient
d vortex core diameter
h vortex height above the airfoil
1 characteristic length
M Mach number
Pt total pressure
Re Reynolds number
S spanwise drift
T Thompson number
t time
Ve free stream velocity
X,¥,z cartesian coordinates
L vortex generator angle of attack
r circulation
INTRODUCTION

A thorough physical understanding of the
blade-vortex interaction (BVI) phenomena is
necessary for the development of high-performance
helicopter rotors. Not only does the trailing
vortex system shed from one blade of a helicopter
rotor exert a significant influence on the aero-
dynamic characteristics of the following blades
(Refs. 1,2), but in addition, the blade-vortex
interaction has been identified as the primary
mechanism involved in the acoustic phenomenon known
as "blade slap" (Refs 3-5).

* Work supported by ARO Grant DAAG29-84-K-131, Dr.
Robert Singleton, contract monitor.

+ Professor, Aerospace Engineering, Associate
Fellow, AIAA.
++ Graduate Research Associate, Aerospace Engineer-
ing, Student Member AIAA.
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A simple dimensional analysis of the blade-
vortex interaction problem indicates that the
governing simulation parameters are the rotor Mach
number, Reynolds number and angle of attack; a
vortex interaction parameter defined "by r/vgc,
where T is the vortex circulation, V, the rotor

relative velocity and C the rotor chord; Thompson
number, T=t Vm/l, where t is the flow relaxation
time and 1 an appropriate characteristic length;
and the pertinent geometric parameters describing
the position of the vortex core and its interac-
tion angle with the trailing rotor blade.

The specific objectives of this program were
to develop experimental procedures and techniques
for simulation of the perpendicular helicopter
rotor blade-vortex interaction (BVI) phenomena in a
Ludwieg tube wind tunnel at Mach numbers and
Reynolds numbers representative of operational
advancing rotor blade flight conditions, and to
quantify the effects of vortex strength and height
on both the structure of the vortex as it passes
over the rotor and the aerodynamic characteristics
of the rotor blade. Similar results from low-speed
wind tunnel tests were reported in Ref. 6.

EXPERIMENTAL SETUP

The UTA high Reynolds number transonic wind
tunnel (Figs. 1,2) is a Ludwieg tube tunnel
designed to provide high Reynolds number transonic
flows (Ref. 7). Maximum steady-state stagnation

pressures of about 3.8x106 N/m2 (550 psia) can be
generated giving unit Reynolds numbers of up to

loxlo8 per meter (10 million per inch). The tunnel
has a 18.5 x 23.2 cm (7.34 x 9.16 in.) rectangular,
porous wall test section. The porosity is provided
on all four walls and is set to a predetermined
value prior to the run.

An instrumented NACA 0012 airfoil, spanning
the entire height of the test section, is mounted
vertically at the test section CMR, 43.18 cm (17
in.) downstream of the test section entrance. The
airfoil has a 5.08 cm (2 in.) chord and is set
1.9 cm. (0.75 in) off centerline, with the lower
surface closer to the test section wall. The model
has approximately a 3.2 percent blockage in the
test section. The airfoil is equipped with 13
absolute pressure transducers on the upper surface
of the airfoil located at the midspan position
(Fig. 3).

Facility operation and control, data acquisi-
tion, and data processing are accomplished by
custom-designed micro-computers. A schematic of
the system is shown in Fig. 4. The data acquisi-
tion/control computer (DAC)} controls the operation
of the tunnel and collects data from a 24-channel

Kulite high-frequency pressure transducer sys-
tem, and stores the data within the computer
memory. The stored data is transferred to the
master computer for permanent storage on disks and
subsequent data reduction.
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The vortex was generated by a horizontally-
mounted semi-span wing having a 5.08 cm (2 in.)
chord, located at the entrance to the test section,
which is approximately 9 chord lengths upstream of

the test airfoil. The distance from the tip vortex
core to airfoil surface was varied by using 3
different vortex generators with semi-spans of
12.95, 13.46, and 13.97 cm (5.1, 5.3 and 5.5 in.),
corresponding to vortex heights of 30, 20 and 10
percent chord above the airfoil respectively. The
vortex strength was varied by positioning the
vortex generator at different angles of attack.

The location and detailed structure of the tip
vortex were determined by use of a total pressure
rake and a five~hole cone probe. The total pres-
sure rake contained 13 total pressure probes with
0.32 cm (0.125 in.) spacing. The five-hole cone
probe was equipped with a total pressure orifice at
the nose and four equally spaced ports on the cone
surface. This probe was used primarily to verify
the data obtained from the total pressure rake and
to obtain information concerning the vortex viscous
core size and symmetry.

TUNNEL CALIBRATION

The test section static pressure distribution
and its relationship to the surrounding plenum
chamber pressure was determined prior to the
interaction runs. The test section static pressure
was measured by means of a standard centerline
pipe and the stagnation pressure measurements were
performed in the charge tube using total pressure
probes (Ref. 7). The test section Mach number was
varied primarily by changing the ratio of the
secondary exhaust flow to the flow through the test
section. This is accomplished by changing the area
of the exhaust flow via a variable orifice ball
valve.

The calibration tests were conducted at Mach
numbers ranging from 0.68 to 0.86 for a range of
charge tube pressures. The results of the calibra-
tion tests are illustrated in Fig. 5. Figure 5a
shows the test section uniformity for different
ball valve positions; while Fig. 5b is the summary
of the calibration data indicating the test section
and plenum chamber Mach number relationship. The
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calibration

relationship between the test section and plenum
Mach number was used to estimate the free stream
Mach number in all of the subsequent experiments.

AIRFOIL CALIBRATION

The airfoil calibration tests for a range of
Mach and Reynolds numbers were conducted prior to
the vortex-airfoil interaction tests. The major
objective of this program was to verify the accu-
racy and the repeatability of the test data.
Figure 6 illustrates the comparison between the
results of the current study and the data of Ref.
8. Considering the small discrepancy in the angles

Source M Re o(deg)
1.2 +— —— Ref. 8 0.703 3.8x10° -0.05
1 S ura 0.71 5.0x102 0
1.04 x UTA 0.705 3.8x10 0
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Fig. 6.

Comparison of measured upper surface
pressure distributions with data of
Ref. 8
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of attack, the agreement is quiet good. Repeat-
ability of the airfoil pressure distribution data
for the Ludwieg tube tunnel is illustrated in Fig.
7, where the upper surface pressure distributions
from three different runs at essentially identical
test conditions are compared.
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Fig. 7. Repeatability of pressure distribution
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data: M=0.72, Re=5x10

VORTEX SURVEY

To determine the vortex core geometric posi-
tion, i.e the location of the vortex core above
the airfoil (Zv) and along the span (Yv), the total

pressure rake was placed downstream of the vortex
generator, with the total pressure probes spanning
a segment of the flow in the Z direction. Two-
dimensional wmapping of the vortex was then
accomplished by positioning the rake at different
spanwise positions for subsequent wind tunnel
firings. Typical results from the total pressure
rake survey of the vortex structure are shown in
Fig. 8. Figure 8a shows a horizontal pressure
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Fig. 8. Vortex survey: M=0.82, Re=5.5x10",
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survey through the core of the vortex. Two points
are immediately obvious. First, the vortex appears
to have a well-defined core, with the total pres-
sure deficits in the core region on the order of 20
to 25 percent of the test section total pressure.
Second, the results of the rake survey indicate a
substantial amount of unsteadiness near the vortex
core. Selected pressure vs time traces are Shown
in Fig. 8b for various probe locations. These
traces (obtained by scanning the pressure trans-
ducer output at 1 msec time intervals) show con-
siderable pressure fluctuations near the center of
the vortex, however these fluctuations tend to damp
out at distances further away from the vortex
center. The fluctuations in pressure are thought to
be a result of oscillation of the vortex core about
a mean position. Time-mean averaging of the pres-
sure traces (after completion of the tunnel start-
ing transient) gives a steady mean value, and these
data have been used to generate the constant total
pressure contour map of Fig. 9.

In order to determine the vortex symmetry and
its viscous core size (d/C), five-hole cone probe
surveys through the vortex core were conducted.
Figure 10 is produced by differencing the pressures
of the two opposing ports on the surface of the
cone probe. A fairly symmetric vortex structure
with a well defined core can be seen in this
figure. The nondimensional viscous core diameter
is approximately 0.25 (d/C=0.25).

VORTEX-ATRFOIL INTERACTION

The vortex-airfoil interaction measurements
were primarily in the form of pressure distribution
changes on the upper surface of the airfoil. The
gencrated vortex always passed over the instru-
mented upper surface of the downstream airfoil.
The effect of vortex strength on the pressure
distribution of the airfoil is illustrated in Fig.
1la, where the results obtained from 3 different
vortex generator angles of attack are compared to
the vortex-free pressure distribution. A sub-




flow
regions near the airfoil leading edge (2.5 % C) are
shown in Fig. 1l1d.

vortex-induced supersonic and separated

To determine the effect of the vortex core
beight above the airfoil, tests were conducted
using 3 vortex generator semi-spans which yield
vortex heights of 10, 20 and 30 percent of the
airfoil chord at the airfoil leading edge. Figure
12 shows the results of this study, where a
progressive increase in the magnitude of the
pressure coefficient near the leading edge is
observed as the vortex height above the upper
surface of the airfoil is reduced. Also evidence
of local flow separation near the 70 percent chord
position is observed for the closer encounters.
The aforementioned results discussed for typical
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stantial change near the leading edge of the
airfoil, where the pressure gradient in the 2Z

direction is large,

is caused by the pressure
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pressure region near the
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downstream distances and the flow is dominated by
the vortex-free mean flow. One explanation for
this behavior is the spanwise drift of the vortex
after interacting with the downstream airfoil,
which will be discussed in the following section.
Also of vital importance are the vortex-breakdown
and flow separation phenomenon, which were experi-
mentally observed by flow visualization for similar
interaction problems by several investigators
(Ref. 10). Figures 11b and 1lc indicate the same
trend for free stream Mach numbers of 0.72 and 0.78
respectively, which correspond to the critical and
super-critical free stream Mach numbers. A wore
pronounced change in the pressure distribution of
the downstream airfoil is observed when the airfoil
is set to a 2~degree angle of attack. Locally
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Fig. 11. Effect of vortex strength on airfoil
pressure distrbution

vortex strengths and heights above the airfoil are
qualitatively similar for all Mach and Reynolds
numbers tested throughout this study.

The variation of Reynolds number, as shown in
Fig. 13, does not appear to have a significant
effect on the pressure distribution of the down-
stream airfoil, for the range of Reynolds numbers
(3.8-5.4 million) tested during this program.

The combined effects of Mach number and vortex
height on the aerodynamic characteristics of the
downstream airfoil are shown in Fig. 14, where the
Cp plots are integrated along the chord to yield an

average upper surface pressure coefficient, Ep' As

the vortex height above the airfoil is reduced, a
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progressive decrease in the magnitude of the

average pressure coefficient is evident. A C_ de-
crease in excess of 30 percent for the closest
encounter at a free stream Mach number of 0.71 is
shown in Fig. 14, while this decrease is only
slightly over 20 percent for a Mach number of 0.77
for the same vortex core height.

STRUCTURE OF THE VORTEX

The structure of the vortex after interacting
with the airfoil was examined by conducting rake
pressure surveys at both the leading and the trail-
ing edges of the downstream airfoil. The results
are in qualitative agreement with the low-speed
test results of Ref. 6, and a spanwise drift of the
vortex core is observed as the vortex passes over
the airfoil. An explanation for this behavior
based on an image vortex model is presented in
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for several vortex core heights
Ref. 6. Figure 15 shows the results of the rake

surveys at both the leading and trailing edges for
a vortex core height (h/C) uf 0.30. The spanwise
drift of the minimum pressure location on the rake
from leading edge to trailing edge is 0.46 cm
(0.18 in.). This spanwise drift is found to be
dependent on the vortex height above the airfoil.

Time-mean average total pressure contour maps
of the vortex at the airfoil leading and trailing
edges are shown in Fig. 16 for h/C=0.30. Similar
contour maps for vortex heights of 20 and 10
percent at the airfoil trailing edge are shown in
Figs. 17 and 18 respectively. For the case of the
closest encounter (h/C=0.10) the . interaction
between the vortex core and the airfoil wake is
quiet strong (Fig. 18), but due to the narrow size
of the airfoil wake the vortex core is easily
distinguished by its wider band.

An examination of the contour maps at the
trailing edge of the airfoil indicates an increase
in the spanwise deflection of the vortex core, as
the height of the core above the airfoil is
reduced. This effect is illustrated in Fig. 19,
which presents the measured spanwise drift of the
core of the vortex as a function of the vortex
core height at the leading edge. Similar results
were presented in Ref. 6 for low-speed tunnel
simulation of the vortex-airfoil interaction; and
in fact, the magnitude of the drift for comparable
vortex core heights is quite comparable.

The contour maps also indicate the appearance
of two distinct minimum total pressure regions
separated by some distance at the intermediate core
height. The presence of these low total pressure
regions suggests the possibility of formation of a
secondary vortex caused either by the breakup of
the primary vortex into two vortices or by forma-
tion of secondary vortex caused by the separation
of the flow due to vortex airfoil interaction
(separation vortex). The secondary vortex observed
for a vortex height of 0.20 (h/C=0.20), is not seen
for the closest encounter (h/C=0.10). The exact
reason for this is not kmown at this time. Due to
the strong interaction of the vortex with the wake
of the downstream airfoil, the secondary vortex
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Fig. 15. Vortex structure in the local vicinity

of the airfoil

might be absorbed within the low total pressure
region in the wake of the downstream airfoil, and
not detectable by total pressure measurements
alone.

Further tests with the 5-hole cone probe are
planned to provide detailed mapping of the vortex
structure at the trailing edge of the airfoil.

CONCLUDING REMARKS

The experimental data obtained from the
transonic vortex airfoil iateraction tests indi-
cates that (1) The trailing vortex in transonic
flows contains a high degree of unsteadiness,
particularly in the vortex core region; (2) Inter-
action of the vortex with the downstream airfoil
substantially alters the pressure distribution of
the downstream airfoil. This effect is found to be
a function of vortex strength and geometric posi~
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Fig. 19. Spanwise drift of the vortex center:
M=0.75, Re=5.2x10°, ay =8°
tion relative to the downstream airfoil, but
relatively insensitive to the Reynolds number; (3)
The downstream airfoil causes a spanwise drift in
the vortex core and the amount of drift tends to
increase for cases where the vortex is closer to
the airfoil surface; and (4) Formation of a
secondary vortex is observed as the vortex
approaches closer to the airfoil surface.
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Abstract

Low-speed wind tunnel tests were conducted to
investigate the parallel blade-vortex interaction.
Flow visualization tests of vortex generation per-
formed prior to the pressure tests showed that a
well defined starting vortex was generated by an
impulsively pitched wing.

Time history of the pressure distribution on a
pressure-tapped wing model was acquired as the
starting vortex passed over the wing. These pres-
sure tests revealed that a substantial pressure
change near the leading edge was induced by the
encountering vortex. The effects of vortex proxim-
ity, reduced frequency and maximum pitch angle of
the vortex generator on the pressure change were
also investigated.

Nomenclature

Pitch angle of vortex generator
Maximum pitch angle of vortex generator

Q Q

max

Pitch rate of vortex generator
Chord length of instrumented wing
Chord length of vortex generator wing

o

Section lift coefficient of instrumented wing

O O NN Qe

T e <

Pressure coefficient of instrumented wing,
(P-P,)/q .

Reduced frequency, ucv‘g./v°°

Local static pressure

ini Initial local static pressure

T O X

max Maximum local static pressure

s

min Minimum local static pressure

o

8

Free stream static pressure

Free stream dynamic pressure
Reynolds number

Time elapsed after vortex generation
Free stream velocity

X <3300
8 (1]

Longitudinal distance from instrumented wing
leading edge to pressure tap

X Longitudinal distance from instrumented wing
leading edge to vortex center

Vortex generator height (See Fig. 9)

r Vortex strength
INTRODUCTION

Helicopter rotors, either while hovering or in
forward flight, encounter complex rotor flows such
as separation, reverse flow, radial flow, aero-
elastic response, transonic shocks, rotor wake and
tip vortex-blade interaction as shown in Fig. 1

(11.7 " Of these complex rotor flow problems,
blade-vortex interaction has been an important

3
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research subject in fundamental rotor aerodynamics
since it was identified as a helicopter impulsive
noise source in addition to the high advancing

blade Mach number [2]). The blade-vortex interac-
tion noise is apt to occur when the helicopter is
in powered descending motion [3]. To date, the

acoustic formulation of the blade-vortex interac-
tion noise has been well developed, however, the
complex aerodynamic data for the input to the
acoustic formulation are not provided sufficient-

ly. Also the computational work has improved a
number of finite difference schemes to simulate
the blade-vortex interaction. Most of these

schemes have modeled two-dimensional flow [4].

The helicopter rotor blade produces a differen-
tial pressure field across the blade in order to
support the weight and provide thrust for forward
flight. It leaves behind a continuous vortex sheet
because of the lift variation along the blade
span. This vortex sheet usually rolls up into two
concentrated vortices, the tip vortex and the hub
vortex. The hub vortex is carried down by the
inflow and is relatively far removed from the
blade path. Therefore the blade-vortex inter-
action with the hub vortex will not occur general-
ly and only the tip vortex interaction needs
consideration [7].

SEPARATION

RADIAL FLOW

AEROELASTIC TRANSONTC

RESPONSE

TIP VORTEX
INTERACTION

Fig.1 Complex Rotor Flows (Ref.1)

When a following blade intersects a tip vortex
from a preceding blade, it causes an unsteady
aerodynamic load om the rotor that is thought to
radiate the blade-vortex interaction noise. The
intersection angle between the vortex filament and
the blade span of the following blade ranges from
zero to 90 degrees. The zero-degree intersection
produces the parallel blade-vortex interaction, as
shown in Fig.2 from Ref. 4, and the 90-degree
intersection produces the perpendicular interac-
tion. The intersection angle appears to be
related to the intensity of the acoustic pulse
with the low-angle or parallel intersection
producing a more intensive pulse. This phenomenon
has been investigated experimentally and analyti-
cally for years [8,9].
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Fig.2 Parallel Blade Vortex Encounter [4]

Widnall developed a theoretical model for
blade-vortex interaction in which the unsteady lift
distribution computed on a two-dimensional airfoil
passing obliquely over an infinite line vortex was
taken as the boundary condition on a finite blade
in the calculation of the acoustic farfield [9].
With this theoretical model, she showed that an
increase in blade-vortex intersection angle de-~
creased the unsteady signal and the decreased
unsteady signal reduced the peak-to-peak pressure
of the transient acoustic signal [10].

Considering that the parallel blade-vortex
interaction is the main source of the helicopter
impulsive noise and that most anmalytical and compu-
tational works for blade-vortex interaction have
been performed in two-dimensional cases, it was
decided that the experimental investigation should
start with the limiting case of interest i.e. two-
dimensional blade-vortex interaction.

Surendriah [5] used a half wing as a vortex
generator and an instrumented rotating blade in a
low-speed wind tunnel (Fig. 3) to investigate
blade-vortex interaction.

The same scaled-up version of Surendriah's test
method was performed at the U.S. Army Aeromechanics
Laboratories' 7- by 10-foot Wind Tunnel at Ames
Research Center [4].

T

vV o= 110 ft/sec r
—_——— -
'

1

Stde View

/_ Plan View

Fig. 3. Surendriah's Test Set-Up for Blade-Vortex
Interaction Test [5]

In another wind tunnel simulation, Booth and Yu
[11]) utilized a sinusoidally oscillating wing for
a vortex generator and placed a stationary wing
downstream to simulate the advancing rotor blade.
The flow visualization study of this test set-up
revealed that a pair of vortices were generated
from the vortex generator, and therefore was not
equivalent to an isolated tip vortex encountering
a rotor blade.

In the present tests, an impulsively-pitched
wing in a low-speed wind tunnel was used to
generate a starting vortex at its trailing edge.
This vortex convected downstream, passed close to
an airfoil (blade) and thus simulated the parallel
blade-vortex interaction. For a more complete
description of the tests, see Kim's thesis [12].

EXPERIMENTAL PROGRAM

The parallel blade-vortex interaction tests
were conducted in the UTA Low-Speed Wind Tunnel.
The vortex generator consisted of a 3.5-inch-
chord, 18-inch-span (NACA 0012 section) half wing
as shown in Fig. 4. End plates were attached to
produce a more uniform spanwise lift distribution.
The wing was mounted on a 1.5-inch~diameter
aluminum shaft. In order to rapidly pitch the
wing, a spring was connected between the wind
tunnel wall and a moment-arm bolt on the shaft.
Two stopper bolts were used to set the initial
zero angle and the maximum pitch angle as shown in
Fig. 5. The vortex-generator wing was constructed
of composite materials to minimize the moment of
inertia. The total vortex generator was attached
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Fig. 5. Schematic Diagram of Vortex Generator

to a separate board outside the wind tunnel wall,
which allowed the vortex generator to be moved in
the wvertical direction. A potentiometer was
attached to the end of the shaft to measure pitch
angle of the vortex generator.

Downstream of the vortex generator wing, a
6-foot-span, 10-inch~chord wing model (NACA 64A015
section) was mounted across the wind tunnel with
both ends extending through wing-section-shaped
holes in the side walls (see Fig. 4).This mechanism
allowed the wing to be moved in the spanwise direc-
tion in order to position chordwise pressure taps
installed on the upper and lower surfaces of the
wing and connected to 1/16-inch-diameter (I.D.)

vinyl tubes extended to outside the wind tunnel.

Pressure measurememts on the wing surface were
made using a capacitance pressure transducer
(SETRA Model 261, 1-psid range) connected to a
48-channel Scanivalve. This pressure tranducer was
calibrated using an alcochol manometer for a
reference pressute source. Pressure and pitch
angle measurements were recorded on a oscillograph
(Honeywell Visicorder Oscillograph Model 906C).
Because only two channels were available on the
oscillograph, oaly one pressure tap at a time was
recorded (for each vortex generated) along with
the generator pitch angle. Then another pressure
tap was coanected to the recorder and the test
repeated. The pitch angle data were used to
correlate time among the various tests. The data
acquisition system is shown in Fig. 6.

Vortex Generator
Pitch Angle

Local Airfeil
Static Pressure,

Atmospheric Free Stream
Pressure Static Pressure
Vo ‘ T

1
o [

Tubing + | 1 ! 1
VR B Y 1

|
i
!
Scanivalve
48-D Type |
T 1
! |
|
] : :
Differential
Le--= Pressure
potentiometer | 0.055 mv/deg Transducer

Helipot $8146 1 (SV/psid { setra Model 261
R20K, 10 Turn 1-psid Range

10 wA Signal Conditioners 15V p.c.
Honeywell Accudata
113 Bridge Amplifier

Current from Excitation Voltage

Data Acguisition from
Unit HP3497A

DC Power supply

l visicorder

Honevwell Visicorder
Oscillograph
Model 906C

Fig. 6. Data Acquisition System

A smoke wire was placed across the test section
upstream of the vortex generator, normal to the
spanwise direction and to the free stream flow
direction as shown in Fig. 4. Both ends of the
smoke wire were connected to a variac which
controled the input voltage to the smoke wire. The
smoke was illuminated by a 120-volt, 1000-watt
flood lamp located downstream of the tunnel
diffuser. In order to observe the generation and
movement of the vortex, a 16~mm high-speed (64
frames/sec) movie camera(Bolex H16 RX-5) loaded
with an Eastman Ektakrome Tungsten film was
utilized.

For the pressure tests, the free stream velociy
was set at approximately 20, 30 and 40 ft/sec to
obtain different reduced frequencies (reduced fre-
quency, k = ac/ g /V,). The vortex generator

position was varied vertically with l-inch incre-
ments and the maximum pitch angle was set at
10, 15 and 20 degrees. Right after the Visicorder

Ji .




drive was turned on, the vortex was generated by
impulsive pitching. While the vortex passed over
the instrumented wing, the surface pressure and the
pitch angle were recorded on the Visicorder paper.
The pressure source was switched manually with the
Scanivalve to the next position and the procedure
was repeated.

The chordwise vortex position was calculated
from the time history data of pressures with an
assumption that the maximum wing surface pressure
change at 1.25 % chord occurs when the center of
the parallel vortex passes over the 1.25 % chord
position.Another assumption was that the convection
velocity of the vortex is equal to the free stream
velocity. With these two assumptions, the time axis

was rescaled to the chordwise passage of the vortex.

RESULTS AND DISCUSSION

For the flow visualization tests, the wind
tunnel free stream velocity was set at 3 ft/sec in
order to generate dense smoke and allow good
quality of photographs. The temperature of the
smoke wire was controlled by a variac. After the
smoke was properly generated, the vortex generator
was impulsively pitched from 2zero to a positive
angle of attack to produce the parallel vortex. The
generation and convectioa of the vortex were effec-
tively recorded using the high-speed movie camera.

During the flow visualization tests, the 3
ft/sec of free stream velocity was calculated from
the results of the high speed movie pictures. The
reduced frequency( k = 0.8 ) was calculated from
the free stream velocity above and the pitch rate
which also was estimated from the high-speed movie
pictures.

Sequential pictures of the flow visualization of
the vortex generator were copied from the high-
speed movie film. This movie included two types of
pitch motion; a pitch-up-and-down motion and a
pitch-up-and-hold motion. One end plate was removed
to allow better viewing during movies.

A series of pictures in Fig. 7 shows the pitch-
up-and-down motion of the airfoil. At initial posi-
tion, no vortex can be seen (Fig. 7a) but when the
pitch angle 1is approximately 26 degrees, the
dynamic-stall vortex starts to form near the lead-
ing edge due to abrupt separation (Fig. 7b). At
this time, the starting vortex has already formed
near the trailing edge. The dynamic-stall vortex
grows as pitch angle increases up to 45 degrees
(Fig.7c),and sheds downstream (Fig. 7d). The start-
ing vortex keeps traveling downstream (Figs.7c-7f).
When the pitch angle returns to zero, the dynamic-
stall vortex convects along the chord (Fig.7e) and
leaves the trailiing edge, but a stopping vortex was
not observed as a separated vortex. Immediately
after the dynamic-stall vortex leaves the airfoil,
the starting vortex and the dynamic-stall vortex
affect each other by inducing a downward motion and
diffuse faster than in the case of a single start-
ing vortex (Fig. 7f). A pair of vortices in pitch-
up-and-down motion is not appropriate for a two-
dimensional blade-vortex interaction simulation.

Another pitch motion was visualized with smoke
(Fig. 8). The airfoil is pitched up from an initial
position (Fig. 8a). After the pitching motion
stopped at a low pitch angle, a starting vortex

formed and shed downstream (Fig. 8f). At this
low incidence angle a dynamic-stall vortex is not
observed.

A well-defined vortex filament was generated by
the pitch~up-and-hold motion. Therefore this tech-
nique was used in the following pressure tests of
blade-vortex interaction.

Time histories of wing surface pressures are
the basic d-ia in the pressure tests. The effects
of vortex leight, reduced frequency, and maximum
vortex generator angle, on the wing surface
pressure are investigated.

Figures 9-11 show the time history of chordwise
pressure distribution on upper and lower surfaces
as the vortex passes over the wing. The free
stream velocity was set at approximately 20 ft/sec
and the reduced frequency k was calculated from
the definition, k = an g /N, where the pitch
rate & was estimated from the pitch angle data. A
sample calculation of the pitch rate and the
reduced frequency is shown in Fig. 12. In Figs.
9-11 the time axis was rescaled to the longitudi-
nal vortex location with an assumption that the
minimum of pressure at x/c = .0125 occurred when
the vortex center passed over it. At the same
time the convection velocity of the vortex was
assumed to be equal to the free stream velocity.
These figures show that the vortex-induced pres-
sure on the upper surface decreases since the
rotational direction of the starting vortex tends
to increase the local velocity by an upwash
effect. In the same way, the pressure rise on the
lower surface can be explained in that the start-
ing vortex induces a local velocity decrease.
Severe pressure changes are seen near the leading
edge at x/c = 0.0125 on upper and lower surfaces.
The pressure changes become smaller from approxi-
mately x/c = 0.2 to the trailing edge. It is
shown that the wing surface pressure starts to be
influenced by the vortex when it passes upstream
of the leading edge near x/c = -1, and the effect
becomes insignificant when it passes two chord
length downstream from the trailing edge (at x/c =
3). The discrepancy between the initial and final
steady pressure in Figs. 9-Fig. 11 is primarily a
result of the downwash induced by the pitched-up
vortex generator's bound and trailing vortex
system.

Figure 13 shows the effect of vortex proximity
to the blade on the wing surface pressure at x/c =
0.0125. The time history of pressure at different
vortex heights is presented. With an increase in
blade-vortex separation, the amount of upwash
induced by the vortex is decreased because circum-
ferential velocity falls off with an increase in
distance from the vortex center. The decreased
upwash reduces the pressure changes on the upper
and lower surfaces.

Time history of differential pressure at x/c =
0.0125 is depicted in Fig. 14, where the pressure
was measured while varying the freestream velocity
from 20 to 40 ft/sec.

The effect of vortex generator reduced fre-
quency on the maximum pressure change at different
locations of pressure taps is presented in Fig.
15. The maximum pressure change increases as the
reduced frequency increases over the range tested.




S A

(a) initial position (o = 0 deg, T = 0 sec) (d) dynamic-stall vortex is starting to shed
(a = 42deg, T = 10/64 sec)

(b) dynamic~stall vortex starts to form near leading (e) dynamic-stall vortex is moving along the chord
edge, starting vortex formed near trailing edge (¢ = 0 deg, T = 13/64 sec)
(a0 = 26 deg, T = 3/64 sec )

(c) starting vortex is shedding downstream and (f) dynamic-stall vortex and starting vortex
dynamic-stall vortex is growing (a = 45 deg, induce downward motion and diffuse (a = 0 deg,
T = 6/64 sec) T = 23/64 sec)

Fig. 7. Smoke Flow Visualization of Pitch-Up-and-Down Motion of Vortex Generator




(a) initial position (a = 0 deg, T = 0 sec) (d) (o = 15 deg, T = 14/64 sec)

(b) starting vortex appears near the trailing edge (e) (a = 15 deg, T = 20/64 sec)
of end plate (a = 15 deg, T = 5/64 sec)

(c) (a - 15 deg, T = 8/64 sec) (f) (a = 15 deg, T = 23/64 sec )

Fig. 8. Smoke Flow Visualization of Pitch-Up~and-Hold Motion of Vortex Generator
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circulation in a uniform stream. Hence the vortex

1.0 strength I can be related to lift coefficient as
follows. .
-3 -2 - "y vortex & 2 Y xie 4 2 :
Assumed Vortex dwise Location Section lift = 0.5 p Vw c C2 = prr. Then ]
[ a .2 Time Tisec) .} v-8.

the vortex strength is
Fig. 10. Time History of Pressure Coefficient

V_ = 20 ft/sec, a_ = 10 deg, k = 0.55, F=0.5ChVe, o
yy/c =0.28 The section lift coefficient for an NACA 0012
airfoil is obtained from Ref. 13. For the condi-
The effect of vortex generator maximum pitch an- tion of dynamic stall, the airfoil pas<es the
gle on the time history of pressures at two chord- static-stall angle without significant change in
wise stations is shown in Fig. 16. Higher pitch lift-curve slope as can be seen in Ref. 14. .
angles induced larger pressure changes because a Therefore the lift coefficient at an angle which
higher pitch angle produces a larger circulation in is higher than the static-stall angle can be
the starting vortex. As far as resultant forces determined by linear extrapolation. Then the
are concerned, the bound vortex of proper strength vortex strength of the vortex generator is
in a uniform stream is equivalent to a body w.th estimated as follows
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Fig. 14. Time History of Differential Pressure at
x/c = 0.0125 as a Function of Free Stream
Velocity: A ax 10 deg, a = 37.94

rad/sec, yv/c = 0.28, Upper Surface,

a(deg) ¢, r(£t?/sec)
10 1710 3.20
15 1.65 4.81
20 2.20 6.42

(V°° = 20 ft/sec, Cvg =3.5 in.)

This vortex strength appears to be related to the
vortex induced pressure change as shown in Fig. 17.
At higher pitch angles (15-20 deg), a maximum pres-
sure was observed after the pressure experiences a
minimum value (see Fig. 16). This appears to be
due to the dynamic-stall vortex passing the instru-
mented wing after the starting vortex. Recalling
that the rotational direction of the dynamic-stall
vortex is opposite to that of the starting vortex,
the dynamic-stall vortex induces a downwash effect
opposite to the starting vortex's upwash effect.
After the vortices passed downstream, more pressure
fluctuations were observed at higher pitch angles.
This is probably due to the flow separation wake
from the vortex generator at the high pitch angles.

Figure 18 shows the time history of pressure for
two different lengths of tube connected between the
orifice and the pressure transducer. The 12-ft-long
tube reduces the pressure change up to 60% and also
delays the minimum pressure point by 0.016 sec
compared with the 3-ft-long tube.
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Fig. 15. Vortex-Induced Pressure Change vs Reduced
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CONCLUSIONS

A parallel vortex was generated from an impul-
sively-pitched wing in a low-speed wiand tunnel.
Smoke flow visualization revealed that a well-
defined starting vortex was generated when the wing
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mately a chord length ahead of the wing and lasts
until it passes two chord 1lengths aft of the
trailing edge.

For the range of vortex heights tested, the
tests showed that the pressure change increased as
the vortex height decreased (passed closer to the
wing).

The test data also show that the pressure
change near the leading edge increased linearly as
the reduced frequency of a vortex generator
increased over the range of 0.28-0.55. It indi-
cated that a higher reduced frequency produced a
stronger vortex which, in turn, produced a larger
pressure change near the leading edge of the wing.

The effect of maximum vortex generator pitch
angle on the downstream wing surface pressure
change increased as the pitch angle increased from
10 to 20 degrees. At the higher pitch angles (15
and 20 deg), a maximum pressure occurred after the
pressure experiences a minimum value, which may be
caused by a dynamic-stall vortex passing the
instrumented wing after the starting vortex.
Pressure fluctuations also increase after the
vortex travels far downstream. This is probably
due to the vortex generator flow separation wake.

Further shortening of the tube length connect-
ing the pressure orifices to the pressure trans-
ducer would substantially reduce the response time
and improve the accuracy of the quantitative data.
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between the wing bending vibration and the short period
oscillation of the aircraft.
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Spanwise Displacehlent of
a Line Vortex Above a Wing -
A Simple Calculation Scheme

Yunggui Jung® and Donald D. Seatht
University of Texas at Arlington, Arlington, Texas

1. Imtroduction

HEN a wing encounters a concentrated tip vortex, its

aerodynamic characteristics are substantially altered
due to nonlinear interaction. While the vortex affects the wing
loads, the wing in turn affects cthe vortex path through its
vorticity field.

Hancock! noticed the displacement of a streamwise line
vortex over a two-dimensional wing and gave analytic
expression for the sidewash velocity induced on the vortex by
the wing trailing vorticity. Experimental evidence of this type
of vortex motion was reported by Patel and Hancock? in their
flow visualization study. Vortex motion due to secondary
separation was observed by Harvey and Perry’ in their
investigation of trailing vortices in the vicinity of the ground.
Recently, the displacement of a tip vortex above a two-dimen-
sional wing surface was carefully measured in a low-speed
wind tunnel for various conditions by Seath and Wilson.*

Meanwhile, it was recognized on the computational side’:6
that the originally straight vortex should be allowed to align
itself with the local streamline direction in order to obtain a
better solution to the vortex-wing interaction calcuiations.

It is generaily believed that some kind of iteration scheme is
necessary to account for the mutual influence between the
vortex and the wing trailing vorticity and, thus, to obtain an
acceptable vortex path and its effect on induced airloads.
However, for the flow conditions considered in this paper,
i.e., low subsonic speed, it is found that the detailed temporal
variation of the wing trailing vortex sheet due~to the
deforming line vortex has little efect on the motion of the
vortex line over the wing surface, and that the spanwise
displacement of a line vortex can be calculated in a straightfor-
ward manner without iteration coupled with wake evolution.

The present method is based on the lifting line solution of
the spanwise load distribution. A single lifting line cannot
adequately represent a wing as far as the chordwise variation
of the wing vorticity is concerned. However, a very simple
trick of redistributing the calculated bound vorticity along the
chord in accordance with the ““thin airfoil theory”’ produces
surprisingly good results.

II. Description of the Present Method

The model consists of an infinite line vortex, which is
originaly parallel to the freestream, and a finite wing as shown
in Fig. 1, together with the coordinate system.
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The velocity field induced by an infinite line vortex is given
by the Biot-Savart law as

r,xr
Vin= 20,,.2 O

where ¥, is the induced velocity, T, the circulation of the line
vortex, and r the radial vector from the vortex line to a field
point. The induced angle of attack at any section along the
span is obtained by taking the z-component of this induced
velocity and dividing it by the freestream velocity. Thus for a
vortex of height h

r, _»
%0 =5y Wyl @
where a; is the induced angle of attack, and V, the freestream
velocity. If we regard this induced angle of attack as
additional twist to the section angle of attack of the wing in a
uniform freestream, we can calculate the spanwise variation of
circulation by solving a modified lifting line equation’

T0)=3 2,0)0) V| (@, +a)

-4—,‘,2 T

~nndy " y-n @

Approximate solution to this equation can be obtained to any
desired accuracy by a suitable iteration scheme combined with
a numerical quadrature, e.g., Ref. 8.

Whereas I'(y) is usually associated with a lifting line located
at the quarter-chord line of the wing, we can distribute the
total circulation at any section along the chord so that we have
as many lifting lines as we want. From the thin airfoil theory
we know for a flat plate at an angle of attack a

v(8) =2V tan(6/2) @
where v is the vortex strength and 0 is related to x by

X =(c/2)1 +cosf)
If we have n sublifting lines to represent the airfoil chord, the
strength of each line may be obtained by integrating Eq. (4).
This gives
r . o0
T, = p [6- smvlo

i-1

i=1,2,..n - (®

where 7 is the total number of lifting lines along the chord.
Each of these lifting lines sheds a vortex sheet of strength
~dI';/dy downstream. For simplicity, we may assume that all
the vortex sheets remain undistorted and parallel to the
freestream. Therefore, if the wing is at 0 deg incidence, all the
vortex sheets will be in the x = y plane. Then, the sidewash

b/

-0 r‘/‘ ®

V)
v, h /

Fig. 1 Model and coordinate system.
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velocity induced at a point on the vortex line by the ith trailing
vortex sheet is

h lx=x;1
swrm= 3 (1 Ty

42 dp dn
E-uz dy @ h2+ (q-y» ©
and the total sidewash at the same point is
vixh) = ¥ v(xyh) M

im]
From this we can calculate the spanwise displacement of the
vortex by time integration.

3 Convergence of the calculations is expected on the grounds
' that the influence of the vortex sheets on fluid particles located
. far upstream of the wing is negligible. Thus, some part of the
" free vortex does not move sideways.

As the vortex line deforms from its initial straight line, the
induced airload will change accordingly. However, unless the
free vortex is very close to the wing surface, we may further
assume that this change is small for most of the wing. Then,

, we may freeze the trailing vortex sheets at the initial state. This
means that we only need to compute the trailing vorticity due
to the free vortex once and for all and do not have to update
the wake field each time the free vortex assumes a new
position. It turns out that this assumption is totally adequate

. for the test cases considered in the present paper.

N II. Application and Discussion

~ The present method has been applied to a low subsonic
vortex-airfoil interaction problem with very encouraging
results. The input data were taken from the wind tunnel tests
conducted at the University of Texas at Arlington by Seath
and Wilson.* The test setup is shown in Fig. 2.

Specifically, the vortex strength ')/ V.c =0.288; wing span
b =3 ft; lift curve slope a, =6.0/rad; chord length ¢ =10 in.;
vortex heights A/c =0.075, 0.095, and 0.13. With these
values, induced angles of attack were obtained, and the
modified lifting line equation was solved via the numerical
iteration scheme of Multhopp using 81 spanwise stations. The
tesulting circulation was then distributed along the chord into

- 10 sublifting lines located at x/c¢ = 0.05, 0.15, ..., 0.95.

The results are shown in Figs. 3-5. As seen in these figures
the agreement with the experimental data is quite striking
when we recall that the wake of the wing was ‘“frozen’’ at its
initial state with no later update. Figure 6 shows vortex
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displaccment at the wing trailing edge for various vortex
heights. Here again, the present theory produces reasonable
estimates. As is anticipated, however, a potential vortex model
overpredicts the vortex effect in a very close encounter of
vortex and wing due to its singularity at the center. This is
evident in the figure by the deviation of the curve from the
squares for A/c less than about 0.1. This situation may be
improved by modeling a finite vortex core.

Overall, the results are very encouraging, and this suggests

that the present method may be used as a preprocessor to -

prescribe the vortca puth over a lifting surface for vortex-
lifting surface interaction calculations within the restrictions
of the potential flow assumptions. This will eliminate the
need to assume a straight vortex and update the whole flow
field as well as the vortex path. Or, in cases where complex
configurations are involved, the present method may provide
a reasonable starting position of the vortex for a coupled
iteration scheme.
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Divergence Study of a
High-Aspect-Ratio,
Forward Swept Wing

Stanley R. Cole*
NASA Langley Research Center, Hampton, Virginia

Introduction

HE present study was conducted to obtain data that couid

be used to assess the prediction capabilities of a currently
available aeroelastic code for a high-aspect-ratio,
forward-swept wing. A wind tunnel experiment was conducted
in the NASA Langley Transonic Dynamics Tunnel (TDT) on a
model with a panel aspect ratio of 9.16 (unswept). Aeroelastic
analyses were conducted for each condition tested in the TDT
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for this comparison. The wind tunnel model was tested at
various forward sweep angles. A rectangular tip shape was
used during most of the experiment. A tip parallel to the flow
in the 45 deg forward-sweep position was also tested for fur-
ther correlation with analysis. General aeroelastic characteris-
tics of the high-aspect-ratio, highly swept wing, and the pre-
diction capabilities of the analysis code are discussed in this
Note.

Test Apparatus and Procedures

The mode! used in this study was untapered, had a 4.51 ft
semispan and a semispan aspect ratio of 9.16 in the unswept
position. The airfoil section was a NACA 0014. The model
wing was constructed of a layered fiberglass shell, which pro-
vided both structural stiffness and the airfoil shape, with a rec-
tangular aluminum spar located at the 30% chord position to
increase the bending stiffness. Semicircular wing tips made of
balsa wood were used to improve the flow over what would
otherwise have been a blunt wing tip in the forward-sweep
positions. The model was clamped in a cantilevered manner to
the wind-tunnel sidewall.

The model was positioned manually to sweep angles A of 0,
-15, —-30, —-45 and —-60 deg. A composite photograph
showing the model in the various sweep angles is shown in Fig.
1. The model was tested with a rectangular wing tip at each az-
imuth angle as shown in the figure. In addition, the wing tip
was modified such that the tip was parallel to the freestream
flow when tested in the A = - 45 deg position. The two tip
shapes are shown in Fig. 1 at A = —45 deg.

Experimental predictions of static aeroelastic divergence
were made using subcritical response techniques.! For each
sweep angle tested, subcritical data were taken at gradually in-
creasing values of dynamic pressure. At each dynamic
pressure g, the model angle of attack was first adjusted to a
1-g lift condition so that the weight of the model was aerody-
namically supported. The angle of attack was then incremen-
tally increased and the root bending moment M, was
measured at each angle of attack «. Typical data obtained for
the subcritical response divergence predictions are shown in
Fig. 2. These data were used to predict the dynamic pressure at
which divergence would occur. Two subcritical response tech-
niques, an improved static Southwell method and the diver-
gence index method, were used during this test. Reference 1
discusses these prediction methods in greater detail.

Analytical Tools
Aecroelastic analyses were conducted for the wind-tunnel
model to determine the validity of the analysis code for a high-
aspect-ratio, highly swept wing. A vibration analysis was per-
formed with the finite-element method program? Engineering
Analysis Language (EAL). General beam elements were uti-
lized to assemble the finite-element model. Elements were ar-

Test Configurations

Fig. 1. Composite photograph showing each sweep angle tested and
the two tip shapes tested in the A = —45 deg configuration.

1




INVESTIGATION OF THE PARALLEL BLADE-VORTEX
INTERACTION AT LOW SPEED

* * % *
D. D. Seath , Jai-Moo Kim and D. R. Wilson
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ABSTRACT

Low-speed wind tunnel tests were conducted to investigate the
parallel blade-vortex interaction. Flow visualization tests
of vortex generation performed prior to the pressure tests ok
showed that a well-defined starting vortex was generated by

an implusively pitched wing. Time history of the pressure
distribution on a pressure-tapred wing model was acquired as
the starting vortex passed over the wing. These pressure tests
revealed that a substantial pressure change near the leading
edge was induced by the encountering vortex. The effects of
vortex proximity, reduced frequency and maximum pitch angle

of the vortex generator on the pressure change were also
investigated.
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AN EXPERIMENTAL INVESTIGATION OF THE PARALLEL
VORTEX-AIRFOIL INTERACTION AT TRANSONIC SPEEDS*

. . +
Donald R. Wllson+, Iraj M. Kalkhoran++, and Donald D. Seath
The University of Texas at Arlington
Arlington, Texas 76019

ABSTRACT

Unsteady vortex-airfoil interaction experiments at transonic
Mach numbers ranging from 0.7-0.85, and airfoil chord Reynolds
numbers of 3.5-5.5 million were conducted in the UTA high
Reynolds number, transonic, Ludwieg-tube wind tunnel facility.
The vortex-airfoil interaction experiments were designed to
simulate a two-dimensional blade-vortex interaction (BVI)
problem frequently encountered in rotorcraft applications.

The interaction experiments involved positioning a two-dimen-
sional vortex generator upstream of a NACA 0012 airfoil section
and implusively pitching the vortex generator airfoil such that
the starting vortex interacted with the downstream airfoil.
Experiments were conducted at several vortex core heights above
the downstream airfoil. The experimental results indicate a
substantial change in the pressure distribution near the lead-
ing 30 percent of the interacting airfoil. Experimental data
for supercritical Mach numbers indicated a very strong inter-
action of the vortex and the shock wave; and at closer encounters
these interactions resulted in unsteady local flow separation
of the leading 40 percent of the airfoil chord. Experiments with
stronger vortices at supercritical Mach numbers resulted in a
forward propagation of the shock wave.
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