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PREFACE

There are several static aeroelastic effects and related problems which are of considerble importance in the design of
modern high-performance aircraft. Static aeroelastic effects are manifested in the form of changes in the acrodynamic load or
lift distribution on the aircraft. These changes affect the structural integrity of the vehicle. its static aeroclastic and flight
stability. the effectiveness of controt surfaces, and the overall flight performance. The characteristics and magnitude of these
aeroelastic effects are dependent on the acrodynamic shape of the vehicle. its structural stiffness. and the particular flight
conditions primarily in terms of Mach naumber and dynamic pressure. For optimal structural and flight control system design.
all these static acroclastic effects must be taken into account in a realistic manner, and this demands coordinated effort in
several arcas.

In this Specialists” meeting on “Static Acroclastic Effects on High-Performance Aireraft” instances of these problems are
reviewed and it is demonstrated how modern tools for structural and acroelastic analyses can be successfully applied in view ot
structural optimization. The individual papers of the Meeting cover many aspects of static acroclaticity not only for military
aircraft but also for modern transport aircraft. The various papers also address problems and recent progress in windtunnel
model testing. in particular measurement of static deformations on windtunnel models.

H.Forsching
Chairman. Subcomnuittee on
Acroclasticity




ABSTRACT

Modern high performance aircraft designs tend to employ very thin airfoils having a degree and a distribution of stiffress
far from the ideal: in consequence, there is a loss of control effectiveness and manoeuverability. Moreover. the introduction of
the highly forward-swept-wing planform poses a static acroelastic effect of fundamental importance: these effects are felt at
model as well as at full scale. This meeting was organized not only to review instances of these problems but 1o see how
successfully modern tools for structural and aeroelastic analysis can be applied.

The individual papers of the meeting cover many aspects of static aeroelasticity not only for military airerafi but also for
modern transport aircraft. The various papers also address problems and recent progress in wind tunnel model testing. in
particular measurement of static deformations on wind tunnel models.

RESUME

Les avions modernes 4 hautes performances ont tendance a utiliser des voilures tres minces ayant un degré de rigidite et
une répartition de cette rigidité qui sont loin de I'idéal; en conséquence. on observe une perte d'efficacité des commandes et de
maniabilité, En outre, Fintroduction de la forme d'ailes a forte fleche négative pose un probléme d'effet adroélastique statique
d'une importance capitale: de tels cffets se ressentent sur les maquettes aussi bien qu'en vrai grandeur. Cette réunion a cte
organisée non seulement pour passer en revue des exemples de ces problemes mais aussi pour voir dans quelle mesure les outils
modernes destinés a 'analyse structurale et aéroélastique peuvent étre utilisés efficacement.

Les exposés particuliers présentés au cours de 1a réunion traitent de nombreux aspects de Uadrodlasticite statique non
seulement des avions militaires mais aussi des avions de transport modernes. Les différents exposds traitent ¢galement des
problemes recontrés et des progrés récents enregistrés au cours des essais sur maquette en souffleric, en particulier en ce g
concerne la mesure des déformations statiques observées sur des maquettes en souffleric.
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Examples of Static Aerocelastic Effects

on Present Combat Alircraft Projects

by

W. E. Sharpe
Principal Aerodynamicist

and

J. B. Newton
Senior Aerodynamicist

Aerodynamics Department,
British Aerospace Plc,
Military Alrcraft Division,
Warton, Preston,
Lancashire, PR4 [AX

Abstract

The paper first describes results of static aeroelastic calculations for a recent canard/cranked delta
fighter project, in which a complete aircraft aerodynamic and structural model is used to demonstrate
fully-interacted "free" aircraft deflection modes and resulting stability effects. The significance of
these results 1s 1illustrated by comparison with corresponding "fixed root" calculations, thereby
indicating a requirement for complete alrcraft aeroelastic modelling at the earliest possible stage in
project design.

Aeroelastic modelling of external stores in the context of store/aircraft integration is also discussed.

Finally, the correction of high-speed wind-tunnel model results for aercelastic distortion is addressed,
indicating those parameters which are likely to be significantly affected.

Notation
B Moment of inertia in pitch
Q Free-stream dynamic pressure = % gV’
S Ambient density
v Free-stream velocity
S Wing reference area
b Wing span
T Wing mean aerodynamic chord
cL Lift coefficient = 11ft/QSE
CM Pitching moment coefficlent = pitching moment/QST
Cy Rolling moment coefficient = rolling moment/QSbsz
o< Aircraft incidence
g Acceleration due to gravity
n Normal acceleration factor
q Pitch acceleration

Lift derivatives due to&, n and q respectively

Le,n, §
CH A Pitching moment derivative due to«, n and q respectively
<.n,
1 Steady state roll rate

Differential flaperon angle
C" Roll dawping derivative = 3C,/¥(pb/2V)
C‘f Flaperon roll derivative = 3(, /3¢
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Introduction
Much attention is paild to static aeroelastic optimisation of combat aircraft structures during the
preliminary design stage with the aim of achieving minimum structural mass while meeting & range
of aerocelastic design requirements.
This paper concentrates on the aerodynamic aspects of the optimisation and illustrates the changes
to stability and control, and loading as the design progresses from the component aeroelastic
assessment to the full aircraft representation. The effect of aercelastics on wind tunnel model

design is also discussed.

Five topics are chosen to 1illustrate the importance of static aerocelasticity on aerodynamic
design. The first three

* Afrcraft Roll Requirement
* Atrcraft Pitch Effectiveness
* Effect of Aeroelastics on Aircraft Longftudinal Stability
are related to a wing-foreplane configuration. The fourth subject
* Effect of Aerocelastics on Store Design Loads
discusses stores mounted under a variable sweep wing. The final topic
* Aeroelastics Considerations in Wind Tunnel Model Design

concentrates on the complexity of modular wmodel design which allows versatility during
configuration development.

Aircraft Roll Requirement

Conventional combat alrcraft have historically used ailerons or spoilers to generate roll power.
More recently, with the advent of all moving tail surfaces, differential tailplane has been used
to augment roll performance particularly at high speed where ailerons are prone to control
reversal while the all moving surfaces maintain reasonable effectiveness.

For close coupled canard configurations differential deflection of the foreplane produces
negligible rolling moment due to opposing aerodynamic interference on the wing; therefore it {is
necessary to resort to wing tralling edge flaperons to produce gjircraft roll power. Because the
flaperons are therefore the only means of producing roll control , the roll requirement generally
dictates the structural optimisation.

ot

Wing twist requirements to wmeet aircraft performance at cruise and combat g' are often
compromiged by the primary need to produce rolling moment at high speed (Ref 1). Divergence speed
limits and flutter frequency separation are also included in the optimisation requirements. Othet
secondary requirements include optimum flap twist to maintain aircraft performance, and limits on
wing to flaperon deflection, {.e., flap bowing, to ensure the control surface remains
aerodynamically effective.

The roll requirement is generally defined in terms of aircraft time to bank. For convenience this
is then interpreted as an equivalent maximum steady roll rate for the structural optimisation.
The following equation defines the aeroelastic roll effectiveness given the maximum allowable
differential flaperon angle and required steady roll rate.

vrclrg% = MCyf

Therefore roll eff:ctiveness]}, = S pb L
Y G N F

*  QOutboard leading edge controls have in the past been used to augment roll control, and
increasing aerpcelastic effectiveness with speed makes this an attractive option. However, because
leading edge devices are primarily a wmeans of controlling flow over the wing, differential
movement can produce undesirable aerodynamic effects and should only be used as a palliative
action,

r
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It is evident that rigid aerodynamic distributions representing both roll damping Crp and
flaperon roll power Cl' must be included in the structural optimisation together with aerodynamic
influence coefficients to allow the change in aerodynamics due to strugtural distortion to be
calculated. Successive iterations within the optimisation program produce an idealised minimum
weight structure to meet the strength and aercelastic requirements. The idealised structure is
subsequently 'engineered' to respect the practical aspects of structural design. A trade study
including the flaperon actuators and associated hydraulic systems, controlled by actuation load,
ideally produces the optimum total mass,

The flight conditions to which the structure is optimised are dependent on the aircraft role and
defined as part of the aircraft specification. For an interceptor aircraft this includes both
subsonic and supersonic high speed conditions, for example, ¥ = 0.9 sea level (S.L.) and M = 1.6
at the design diving speed (V). However, the corner point of the flight envelope, i{.e., V. at
low altitude requires considerdtion because experience shows minimum flaperon effectiveness occurs
at this flight conditlon. Results at three flight conditions are therefore presented in this
paper, namely M = 0.9/S.L., M = l.Z/VL and M = l.6/VL.

2.1 Flaperon Roll Effectiveness

Figure 2 shows the variation of flaperon roll effectiveness with dynamic pressure at the
three chosen flight conditions for the configuration given in Figure 1. Three points to be
observed are:

(1) Minimum flaperon roll effectiveness occurs at M = 1.2 and therefore justifies
inclusion in the optimisation criteria.

(11) Minimal outboard flaperon effectiveness is available at M = 1.2/V.. Any small
variation in structural properties could render the control totally ineffective and
therefore any apparent roll power should not be relied upon.

(1i1) There 1s a significant reduction 1in effectiveness between fixed root wing
representation and fully flexible aircraft. Tt is Iimportant to take this effect into
account during the early phases of optimisation when it may be necessary to consider
the wing in isolation with fixed root structure because the configuration is otherwise
not frozen.

2.2 Adfrcraft Roll Rate

The aercelastic effectiveness already described is interpreted in terms of percentage
maximum required steady roll rate in Figure 3 for the wing optimised to requirements at M =
0.9 S.L. and M = 1.2/VL. The consequent roll performance at M = 1.6/VL 1s also shown.

A prohibitive mass penalty results if the maximum required steady roll rate is required at
the M = 1,2/V; flight condition. However, this conditfon is not usually included in the
primary operating zone and therefore the requirement can be relaxed to a magnitude which
allows the aircraft to reiain control particularly at low level. This is described as the
minimum allowable steady roll rate.

The main points illustrated in Figure 3 are:

(i) Having optimised the wing to requirements at M = 0.9 and M = 1.2, excess roll rate is
available at M = 1.6,

(11} There is a marked reduction in rigid roll rate between wing in isolation and the full
configuration particularly at M = 1,2 where the increased roll damping 1s aggravated
by adverse effects of flaperon on fin.

(i11) An allowance for the difference between the fixed root wing and fully flexible
alrcraft should be included in early optimisation work.

(iv) The small contribution of outboard flaperon to roll rate is discounted at M = 1.2/VL

because of its potential zero effectiveness.
The trough in roll performance at M = 1,2V, 1is well illustrated in Figure 4. There is a
marked recovery with increasing altitude, ufth an almost constant rate being available at
20,000ft. over the full Mach number range.

Aircraft Pitch Effectiveness

The comparison of flaperon roll and pitch effectiveness is illustrated in Figure 5. This clearly
shows the flaperons to have much greater aeroelastic effectiveness in pitch than rvoll at all
comparable flight conditions and hence why generally it is not necessary to include a pitch
effectiveness requirement in the structural optimisation.

The aeroelastic mechanism is different for the two cases. An aeroelastic l.ft loss is generated
in both roll and pitch, but the loss occurs predominantly on the outer wing forward of the rigid
11ft centre due to flaperon deflection. Hence, with roll, there is an inboard shift of centre of
pressure, thus aggravating the loss of rolling moment. In pitch there is an aft shift of centre
of pressure which enhances the pitching moment.

—r— -




Effect _of Aercelastics on Adircraft Longitudinal Stabilicy

In early design phases it is convenlent to consider separately the aeroelastic effect on load
distributions representing different aircraft parameters, for example, incidence, sideslip,
inertia., The variation of rigid non-dimensional 1fft distribution wich aircraft incidence,
integrated, represents C and C, and hence /C,, which as a first approximstion represents
the rigid aircraft loug}fudinal stability. Howevet, the aeroelastics resulting from this case
cannot be taken in isolation to represent the aerocelastic longitudinel stability. The aircraft
masg distribution with an applied unit vertical accelerastion, taken as a separate aerocelastic
case, generates aerodynamic lift due to structural distortion and which, in combination with
applied inertis, gives an effective shift of centre of gravity varying with speed. The true
change of longitudinal stability can be obtained by combining the aercelastics resulting

from the individual Incidence and mass cases. The latter cases are termed fully flexible 'fixed'
aircraft aeroelastics because the structural model must be fixed 1in space, being unbalanced by
other forces.

The fully flexible 'free' aircraft aeroelastics are obtained by balancing 1ift and pitching moment
due to incidence by inertia loads resulting from vertical and pitch acceleration. For an aircraft
weight W and unit incidence,

oWwe=C +C .n+C .q
& Le 1g L

Ba=C, + .+ C..q
Q%f Me CH‘ My

Solutions for n and q give the combining factora to produce the total aserodynamic contribution
representing the fully flexible 'free’ aercelastic CL. and CH and thus longitudinal stabilfcy.
=

Cifree ™ Ci fixed * Crg® ¥ CLyd

CM,Etee = CM‘fixed + CH"" * CHQ‘Q

The 1importance of this effect is illustrated in Figure 6. The diagram shows rigid 'fixed' and
'free' aercelastic contributions to C , CP‘, and C  /C. at M = 0.9 S.L. and M = 1.2/V . At M =
0.9 the 'fixed' results give an apparent' significant reduction in stability whereas the more
representative 'free' interpretation shows little change from rigid. A significant difference
between 'fixed' and 'free' 1s also evident at M = .2,

Effects of Aeroelastics on Store Design Loads

Most modern combat aircraft are designed to carry stores externally, e.g., weapons, fuel tanks and
systems pods. Prediction of installed store loads consequently forms a major part of the aircraft
design and flight-clearance process. For wing-mounted stores the aercelastic behaviour of the
wing/pylon/store configuration can have a significant effect on store carriage loads (and hence
release/jettison behaviour) and must be adequately allowed for in the design and flight clearance
stages of project development.

An example of these effects has been chosen from aeroelastic calculations for a typical missile
and systems pod carried on the 1inboard and outboard under-wing pylons of a current
variable-geometry combat aircraft (fig. 7).

In this study, a finite-element model of the total aircraft structural flexibilities (including
pylons, internal control vrods and ERU attachments, but with rigid stores) is used in conjunction
with a subsonic asercdynamic panel model (Vortex Lattf{ce) of the aircraft store configuration (fig.
7) to calculate store loads for the rigid and flexible aircraft.

Typical rtesults are shown in figs. 8, 9 for the variations of store normal force and side force
(body axes) with free-stream dynamic pressure during a symmetric, high 'g' manoeuvre at Mach 0.9.

The loads are expressed as percentages of the total "rigid" load and, in the case of normal force,
separated into aerodynamic and inertia components.

These results clearly show the significant effects of seroelastic distortions (primarily wing and
pylon bending) at high dynamic pressures on total store loads, even for these "high density"
stores for which inertia loads tend to dominate the total normal force (e.g. 272 increase in pod
normal force; 417 increase in missile side force).

Hence some approximate allowance for these effects must be made in the estimation of initisl
design loads for a new combat aircraft, based on similar experience from previous projects. When
the stage 15 reached where detailed strurtural and aerodynamic descriptions of the aircraft become
available, the effect of total aircraft flexibility on installed store loads should be evaluated
as a basis for store carriage and release/jettison flight clearances.

Aeroelastic Considerations in Wind Tunnel Model Design

To facilitate the aerodynamic optimisation of a combat aircraft configuration it is often
necessary to test a multitude of wing geometries. The variables can include L.E. and T.E. sweep,
thickness, camber, twist and different combinations of control surface deflection. 1t is logical
therefore to manufacture wind tunnel models in component form with detachable wings and separate
leading and trailing edges.
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Construction of such a modular wing is fllustrated in fig. 10. Here the suyrface is attached to
the fuselage by means of a tongue joint., If stiffness checks show appreciable deflections on the
wing due to this form of attachment, it may be necessary to add shear spigots fore and aft to
reduce the effect of wing torque. Control surface deflection is simulated by interchangeable
segments which are attached to the main wing using lap joints. The size of lap wmust be
sufficient to ensure a continuous deflected shape under load but not too large to degrade the
stiffness of the centre main panel. This modular construction is structurally more flexible than
the usual solid wind tunnel model and it is ctherefore necessary to check the aeroelastic
characteristics of such a model.

The wind tunnel model must first be represented structurally and may be analysed using finite
solid elements, However, it is often sufficlent cto abbreviate this description using Engineer's
Bending Theory including bending, torsion, and shear as separate terms. To represent a low aspect
ratio surface it is necessary to use a curved flexural axis which follows a constant percentage
chord on the outer wing, then continuing as a radius inboard to finish perpendicular to the body
side. The method over-predicts torsional stiffress but, by suitably scaling the individual
flexibilities from bending, torque and shear, a good match can be obtained with data from
comprehensive model load/deflection tests.

Aercelastic distortion results from this structural modelling indicate appreciable losses mav
occur at the dynamic pressures associated with high speed wind tunnel resting. At low superscnic
Mach numbers, for example, roll power from tralling edge flaperon deflection can be in the order
of 307 less than that obtained from an equivalent rigid wind tumnel model. It is necessary
therefore to produce comorehensive aercelastic data for the model to enable 'rigid data' to be
calculated using the flexible model load measurements.

Conclusions

The examples given in this paper serve to highlight the importance of nverall configuration static
aeroelastic effects in the design of a new high performance combat aircraft. The relative magnitudes of
these effects will obviously depend on the chosen aircraft layout and stores carriage arrangement, and
may well have some influence on this cheoice, but nevertheless, the following main points should be given
due consideration in the initial project design phase:-~

(i) For close-coupled canard configurations, the roll-rate requirements used for wing/flaperon
structural optimisation must take account of likely reductions from the isolated, fixed-root wing
values, due to aerodynamic and structural interactions of the full configuration, particularly at
M= 1.2/V .

L

(i1) Such a wing, optimised for roll-rate at M = 0.9 and M = 1.2, sea-level, will give good
high-altitude supersonic roll characteristics.

(141) In the assessment of aircraft longitudinal stability there is a significant difference between
"fixed" and 'free" aercelastic analyses, the more realistic "free" results (requiring a knowledge
of mass distribution to =alculate balancing "inertia" lcads) indicating little change from the
rigid values.

(iv) For wing-mounted stores, aercelastic distortion of the wing and pylon can result in significant
effects on installed store loads, particularly sideforce (and hence yawing moment), for which due
allowance, based on experience, must be made in producing initial design loads. At a stage in
the project when a complete aircraft aeroelastic model 1is available, calculations of fully
flexible instzlled loads should be made as an input to store carriage and release/jettison flight
clearances.

(v) High-speed wind tunnel models of combat aircraft configurations can exhibit significant
aeroelastic effects. An example 1s the effect on wing mounted control surface forces and moments,
particularly when the model is of "modular wing" construction. Corrections of flexible model data
to a ''rigid" standard is necessary before accounting for true aeroelastic effects in the
full-scale aircraft aerodynamic description. These corrections can readily be made using simple
Engineer's Bending Theory, wmatched to model deflection measurement, together with standard
aerodynamics prediction techniques.
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FIGURE 1 TYPICAL CLOSE-COUPLED CANARD DELTA
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FIGURE 2 FLAPERON AEROELASTIC ROLL EFFECTIVENESS
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FIGURE 7 VORTEX-LATTICE MODELLING OF THE
AIRCRAFT/STORES CONFIGURATION
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TENDANCES ACTUELLES DE L'ANALYSE AEROELASTIQUE
DES AVIONS MILITAIRES

TRENDS IN AEROELASTIC ANALYSIS OF
COMBAT AIRCRAFT

BY
C.PETIAU AND S.BRUN
AVIONS MARCEL DASSAULT - BREGUET AVIATION

78, QUAI MARCEL DASSAULT
92214 - SAINT-CLOUD

SUMMARY

After recalling the general principles of aeroelastic coupling with structural finite element
analysis, we explain the simplifying assumptions of static aeroelasticity.

Then we describe the technique of load basis reduction used in in the branche CHARGE of ELFINI,
the general aircraft structure analysis program of AMD-BA.

This technique allows to separate the big expensive computation of F,E. resolutions and theori-
tical aerodynamic analysis, from aerocelastic coupling and flight maneuver computation.

We give details about some specific points :
- Mechanical and aerodynamic non linear effects in statics and dynamics
- Optimization, differentiation of flexible aerodynamic derivatives
- Model adjustment on flight measurements.

It appears that we hold some satisfying solutions to the most of the problems, except those due
to aerodynamic transonic non linearities.

INTRODUCTION

Le calcul des structures a &té révolutionné dans les années 1970 par les techniques
d’analyses par Eléments Finis, qui aujourd'hui, en s'en donnant les moyens, permettent de résoudre les
problémes d'élasticité avec pratiquement la précision que 1'on veut.

Le calcul des charges et aéroélasticité "classique" basé peu ou prou, sur des
modéles &lastiques de poutre longue, s'est trés vite révél& dépassé notamment pour les avions d voilure
Delta.

Nous avons di faire un investissement considérabie pour mettre le calcul des
charges et d'aéroélasticité statique & la hauteur du calcul élastique par Eléments Finis ; plus récem-
ment les modélisations de commande de vol &lectrique ont nécessité le méme effort pour 1'aéroélasticité
dynamique ; i1 a fallu en particulier assurer que la limite statique des modéles dynamigues corresponde
au modéle statique.

Ces travaux se sont traduits par 1'élaboration de Ta branche CHARGE de notre
logiciel ELFINI (qui regroupe autour d’'un noyau central d'analyse par Eléments Finis toutes les disci-
plines du calcul des structures d'avions).

Nous en décrivons ici les grandes lignes, aprds un rappel des équations générales
de 1'aéroélasticité dynamique et des hypothéses simplificatrices conduisant & 1'adro&lasticité sta-
tique.

La principale caractéristique de notre approche est son systéme de gestion, basé
sur les principes de base de charges et de base de formes aérodynamiques, qui permettent d'effectuer
les gros calculs de ré&solutions Ei%ﬁents Finis, et d'adrodynamique théorique, indépendamment du cou-
plage et des calculs de manceuvres qui sont peu codteux.
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Nous détaillons quelques points spécifiques, et de développement, intéressants :
- Traitement des divers types de non lingarité en statique et en dynamique

- Optimisation, technique de dérivation des coefficients aérodynmamiques souples par rapport aux
paramétres de conception

- Identification du modele sur les mesures en vol.

11 ressort de 1'ensemble que nous tenons des réponses satisfaisantes 38 la plupart
des problémes, excepté, malheureusement, au calcul des charges en transsonique.

2 -~ PRINCIPES DES CALCULS D'AERQELASTICITE

2.1 - Aéroélasticité lingaire sur Modéle E.F., Equations générales

Les points de départ de ces calculs sont :

- un modéle Elastique par Eléments Finis de 1'avion complet n'omettant en particulier aucune
surface portante {condition du couplage automatique avec les calculs aérodynamiques) ; nous
avons pratiqué, pour ces modéles, de 1'ordre de 10 000 & 40 000 degrés de liberté (D.D.L.) en
fonction de 1'avancement du projet {Fig.l et 2).

- des calculs d'Aérodynamique linéaire par méthode de singularité (Doublets, Sources) sur des
modéles comportant de 500 3 3000 facettes (fig. 4).

Pour alléger les calculs on procdde 3 des réductions de base conduisant aux rela-
tions suivantes :

- En &lasticite :

Soit X le vecteur déplacement des DDL Eléments Finis, on choisit un systéme de DODL
réduit x relié & X par la relation

(1 X =[V]x

O

-1

X
décompase x en 3 types de composantes soit x :(x; )
X

s

i . composantes du mouvement de corps solide associé aux formes rigides

. x_ = composantes des déformées souples associées 3 des formes de base (Vs), fnertiellement

orthogonales aux précédentes ; les (Vs) sont : soit les modes propres souples de la
structure, soit combinaisons des composantes de la "base de charge" sur lesquelles nous
revenons § 2.3.

. xg = mouvement des gouvernes associé aux formes (vg)

Soit 1'équation d'équilibre dynamique dans Ta base

(2) mk 4 vE 4 kx = f . 4 Fautre
. La matrice de masse : o 0
T rg
I = TVICM V3= | 0 m =
"gr  Msg "gg
. La matrice de rigidité :
0 0 0
(d =YV [QIvi= {0 x 0
0 o] 0

. La matrice d'amortissement (V) est du méme type que (k)

. Le chargement faéro est 11& aux coefficients de pression Kp du calcul aérodynamique par la

relation
t 1o Yy 6F
faire = LV Fagro = 7002 V1L KEEJ Kp




(4)

(s)

(6)

(7
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Nous revenons au § 2.3 sur 1'é&tablissement de )'opérateur de transfert des Kp
aérodynamiques sur les noeuds E.F.

. f autre = t (V) F autre représente 1'action des forces non aérodynamiques (poids, poussée

réacteur, effort train etc..) nous le considérons comme constant pour simplifier 1'exposé.

. En aérodynamique théorique linéaire.

On pose que la forme aérodynamique “portante”, somme de la forme initiale, du
mouvement rigide, des déformations et des braquages de gouverne est une combinaison de
formes aérodynamiques élémentaires dont les effet de portance se combinent linéairement.

On peut utiliser pour ces formes aérodynamiques élémentaires :
- soit directement les formes associées aux DDL mécaniques,

- soit des formes spécifiques indépendantes des DDL élastiques (Déformations polynomiales
des surfaces portantes, mouvements rigides par zone, voir §.2.5

La deuxiéme procédure 3 1'avantage de rendre 1'ensemble des calculs aérodynamiques
indépendant des calculs d’'élasticité.

Un opérateur de lissage (L) relie alors les déplacements q de la base aérodynamique
au déplacement E.F, soit : q = [Llx

Dans les méthodes de singularité linéaire (Portance par doublets, voir réf.2) on
&tablit un opérateur lintaire reliant les Kp des facettes du maillage aérodynamique aux
incidences locales de ces mémes facettes soit :

Kp = [Ala
En aérodynamique instationnaire od on r‘ésout 1'équation du potentiel linéarisé dans

le domaine fréquence, cet opérateur devient [n( )] complexe ; nous le décomposons en
partie stationnaire et partie transitoire soit :

w - +
(AP I instationnatre = [Adstationnaire [A(= )]r_ransit

L'intérét majeur de cette décomposition est qu'on peut obtenir [A] (terme prepon-
dérant en basse fréquence) par des théories aérodynamiques plus so hist'lquees et qu'on
peut le recaler sur les résultats de soufflerie et de vol (voir § 3.1

Les incidences locales des facettes ©X sont li&es aux déplacements et vitesses des
noeuds E.F. par des opérateurs géométriques soit

[a) = ao + [g%]x + [%] (é)

- Equations générales couplées

En rassemblant les relations 1 & S on aboutit 3 1'équation du mouvement couplié.

[ml% + [V)x + [kK)x = £

+
autre
%sz {(c) +[cyix + %[Czji + J:Ctr.(.s)x": }

En décomposant x en termes de commande des braquages de gouvernes xg et en termes

de réponses des modes rigides xr et modes soupies xs ; la partition du systéme 6 conduit & :

m 0 b3 0 0 x
rr ) r + ( ) 1 fc.] r
" + 5 Pv [C . +
0 Mes Xs 0 v z zr-s,t-a *s
0 0 x
+ % pv? [Cl} + 'P & )' i =
0 k r-s,r-s s Xg
r-s,r-s

m
rg . 1 2 1 .
- ( ) o+ 3 pv {; [Cz] L + ([CI] ?tns b '.) L Al
m r-s,g /

r-s,g
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Soit une représe: tation dans le domaine fréquence :
(8) 1 w s _ 1 2w
(oG5 02+ £)] (x:) = [8(70v2, )] %,
- Commandes de vol électrigues
Le mouvement des gouvernes est fonction des ordres du pilote Cpil et des mesures
des capteurs du mouvemert Ccap. Pour les modéles linéaires on &tablit les fonctions de trans-
fert du type :
(9) xlw) = [Ho (w)] Cpyy +TH p(w)] Cryy
Les mesures des capteurs CDVE étant elles-mémes fonction des DODL X soit :
(10) Ccapt = [ Vcapt]x
Reportant les relations 8 et 9 dans 7 on obtient, pour le transfert commande pilote
-> mouvement, des équations analogues 3 7 et 8 avec des termes supplémentaires de couplage par
les CDVE indépendant des pressions dynamiques, de la forme :
(87) 1 x. 1
- Efforts généraux, efforts internes, contraintes et déformations.
Ce sont les sorties ordinaires des calculs de charges, elles sont des fonctions
linaires des déplacements Eléments Finis soit :
(10) Sa §o 8o
o - (32 )x - (5) tvax - 21
Conduisant aux fonctions de transfert des réponses structurales en fonction du
mouvement des gouvernes, de la forme :
(i o= 890 1o, 977t Lou?, 97
Sx Digevy, v 87 v 8
2.2 - Hypotheéses simplificatrices en aéroélasticité statique
Les mouvements étant suffisamment lents, deviennent négligeables dans 1'équa-
tion (7) du mouvement couplé :
. Les forces d'inertie des déforméss souples et des mouvements de gouvernes.
. Les termes d'amortissements aérodynamiques et structuraux des mémes modes.
. Les forces aérodynamiques transitoires.
Ce qui conduit pour le systéme d'é&quation d'équilibre général 7 & Ta forme :
(12) -3 U c
Mg X = 7 pv [CZr,r]xr 7oV ({8 A% * L ir,s1%s

{r

2
=72 Clr,g]xg * Cor} * L autres

[k]xs 2 % pv ((Czr,s]ir)+ % pv ([Clrr]xr +[Cy 1%

* [Cls,g]xg } fs autres
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Comme i1 n'apparait plus de dérivée des DOL souple dans la deuxiéme ligne il est
possible d'éliminer ces DOL souples dans 1'é&quation du mouvement par ta relation :

-1
1
(13) xg =(17ov2 [503 {Fov [s.dx, + 7 ov2 ([S. )y * (S, 1% [5,1)* s,

Les matrices (S) représentent les déformations unitaires des modes souples sous les
effets aérodynamiques des divers modes, soit :

e, 3 £5:1 = 097 1€, 1
[Sr] ={ ls,r £ 2s,r
(14)
-1 qlec
= S =
[sd =0 (¢, J [8g] = (K17 (14,4
D= [1-1pv2 (s
La singularité de la matrice vl 5]] ("Flexibilité" des modes
souples aéroélasticité couplée) correspond 3 la divergence statique.
On &limine les DDL souples en reportant (13) dans la premiére ligne de 12 pour
aboutir & 1'équation de la mécanique du vol du mouvement rigide aéroélasticité éliminée, soit :
' .. 1 ' Jlo.2 e x_ =
(18) [mrr] Xr _fvac 2 % eV teryd *
1 pv2 ([c' 1 x_ +LC' ]} + €
1o (ler D <o st D) o
Avec les opérateurs de coefficients aérodynamique “aéroélasticité éliminée”
Ccr,d =Cc, 1 +%pvic, 107" (s,)
2 2r,T 2 1r,s b3
(16)
el =tc, 1 +ipvtre, 10077t (53
r lr,r 2 ir,s r
v J-Cc, 31+Lpv2re, 10037 (5.3
-3 lr,g 2 lr,s g
On présente sous forme “"homographique" analogue les opérateurs d'effort généraux,
déformations et contraintes
soit
1 1 .60'aéro, . §g'aéro 5o 'aéro .,
17 = = 2 (1ro0 aero X o+
(17) a=30V (V [Gxi 1% + [6xr Ix, + [axg 1Xg * o’aéro } + o
dont les coefficients (Effet unitaire d'agrodynamique "adroélasticité éliminge" s'écrivent sous
des formes du type :
§g 'aéro aéro 1 §gaéro -1
(18) (g-acroy o (80270 4 3 pvz (32550 (917 (5,)

er §x s

avec .
S0aéroq _ 80 Sgaéro, _ 60 s
[——GXr 1= [—st] [s.1, [—st ] [—sxs] [°s]

(Effet unitaire d'aérodynamique aéro&lasticité non &liminde).
Le calcul des charges statiques s'effectue compldtement 3 partir :

d$§ :alculs de manoeuvre par intégration de 1'équation 15 de la mécanique du vol aéroélasticité
€1{minée

l: ren?gtee aux efforts généraux et intermes, aux déformations et contraintes par les rela-
tions 15.




2.3 - Organisation des calculs d'aéroélasticité et de charges statiques

2.3.1 - Généralités

11 a fallu répondre aux impératifs suivants apparemment contradictoire :

Nécessité d'une précision des calculs des charges d'une qualité équivalente 3 celle du calcy!
des contraintes par Eléments Finis,

Sophistication devant rester homogéne avec les hypotheses simples des calculs d'aérodynamique
linéarisée recalés sur des essais de soufflerie et les vols,

- Manfement simple des calculs pour pouvoir traiter avec des délais et couts raisonnables des
analyses dans un domaine & paramétres multiples (Type de manoeuvres, configuration massique et
d'emports extérieurs, mach, altitude),

Evolution avec les raffinements des modéles structuraux et Aérodynamigues, les résultats de
soufflerie.

Pour cela on sépare les calculs en deux phases :

Les calculs volumineux qui sont menés indépendamment du couplage abroélastique, des configu-
rations massiques et des hypotheses de recalage empirique, ce sont :

. la résolution des Eléments Finis sous des chargements de base
. les calculs d'aérodynamique théarigue.
On en extrait des opérateurs "concentrés" du type :

. décomposition des charges de pression aérodynamique unitaires dans les chargements de
base,

. lissage des déplacements de base du modele é&lastique dans les déformées de base de la
surface aérodynamique

. efforts généraux, déformations et contraintes en quelques centaines de points sensibles,
pour chaque déplacement de base.

- A partir de ces opérateurs on obtient par des calculs de faible vclume :
. les coefficients aérodynamiques "avion souple",
. le mouvement de 1'avion en manceuvre par intégration des équations de la mécanique du vol,
. 1'évolution correspondante des efforts généraux et des contraintes aux points contrjlés,
. la recherche automatique des cas enveloppes dimensionnants,
. la reconstitution dans ces cas, pour des analyses complétes, de 1'ensemble des déplace-
ments du moddle EF ; on peut reconstituer les forces aux noeuds pour Tes transferts vers

des modéles raffinés.

La définition exacte des configurations massiques et les recalages empiriques
interviennent au début de cette deuxiéme phase.

Nous résumons planche 3 1'organigramme de cette technique qui est fondée sur la
notion de base de charges.

2.3.2 - Principes de la réduction dans une base de charges

L'idée directrice est de considérer que toutes les charges appliquées sur la
strgcture sont combinaisons linGaires de cas de charges de base, (couramment de I'ordre de 300 &
500), soit :

F=(P)u

Les cas de charges de base rassemblés dans 1'opérateur (P) sont partagés en 3
catégories :

[

P = (P!nertie aéro’ Pautre)

. (Pinertie) correspond a des cas &lémentaires de charges d'inertie dus aux accélératjons
des mouvements rigides (et des forces centrifuges pour les analyses non linéaire de
mouvement solide), sur une décomposition des masses de 1'avion (Masses de base, composées
de celles de 1'avion vide et des masses variables unitaires), de facon & pouvoir recons-
tituer par combinaison les forces d'inertie du mouvement rigide dans toutes les situa-
tions.
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Paéro) correspond & des charges de pression élémentaires :

. pour les surfaces portantes les composantes correspondent & des pressions unitaires
aux noeuds d'une “grille de pression" Eléments Finis (voir planche 5), cette grille
est indépendante des "facettes" oy sont calculés les Kp dans les programmes d'aéro-
dynamique théorique,

. pour les corps fuselés les composantes de (P ) correspondent aux composantes du

torseur des charges appliquées par "tranche". agro

. (Pautre) correspond aux diverses composantes discrétes type poussée réacteur, effort train

etc...

Elles sont calculées par résolution du modéle Eléments Finis sous 1'ensemble des
cas de charges de base, soit

(8 =rat e

'
o
8]
o
=
o
g
@
c
S
3
m
a
<
1%

A partir de (P) et (B) on extrait les opérateurs suivants, suffisants pour mener
les calculs d'aéro&lasticité et de charges.

Opérateur [80 / 8ul des efforts généraux, efforts unitaires, contraintes et déformations aux
points sensibles ; on retient pour 1'évaluation des charges seulement quelques centaines de
composantes.

- Pour permettre 1'orthogonalisation ultérieure des déformées de base aux modes rigides sans
accés aux tableaux (P) et (B8) :

. les torseurs des résultantes des cas de charges des bases :

§fr t
[Ejr] = [v] [P]

. les quantités de mouvements rigides des masses de base dans les déformées de base

§ t
[33—'] = v, 13 (8)

2.3.3 - Calculs aérodynamiques

11s fournissent les opérateurs donnant les coefficients de pression en fonction des
incidences facettes
K =K +[ala
P po
L'organisation des calculs est compliquée par le fait qu'on exploite simultanément
les résultats de différentes méthodes :

- Méthode de singularité linaire pour les effets de portance en subsonique et supersonique, le
maillage pouvant dépendre du Mach et de la fréquence réduite en instationnaire,

Méthodes plus colGteuses, d'Eléments Finis ou de différences finies (Transsonique), qui, en
pratique, ne s'appliquent que pour le calcul des effets rigides et de gouverne,

Recalage sur les résultats de soufflerie et de vol, qui eux aussi ne concernent que les effets
rigides et de gouvernes (voir § 2.3.6).

On doit gérer 1'ensemble de ces résultats raposant sur des discrétisations indépen-
dantes des champs de Kp et des incidences locales.
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2.3.4 - Formes aérodynamiques de base

Les calculs d'aérodynamique linaire ne nécessitent pas une description de 1la
déformation aéroélastique par autant de DDL que le calcul &lastique, c’est pourquoi on choisit
généralement d'exprimer la forme de la surface portante comme combinaison de quelques dizaines de
formes &lémentaires soit :

- Ed -+

S(M) = SO(M) + Iq; si(M)

On décompose les déformations de surface de base en deux familles :

- Pour les surfaces portantes continues, des déformations polynomiales de la surface moyenne du
type :

z (x,y) = lo(x'y) + Eqi xuly Bi

ai  Bi - .
(Les monomes de base x v doivent former des suites complétes).
- Pour les “corps" des mouvements rigides locaux

A partir de la définition de formes de base on &tablit les op&rateurs géométriques
Sa /Gq, Sa /84
donnant les incidences des facettes aérodynamiques en fonction du mouvement de la forme aéro-

dynamique soit :
[QE] 8974
a = 8q q + 34 q

2.3.5 - Opérateurs permettant le couplage

- Opérateurs de transfert des Kp sur les composantes agrodynamiques de la base de charges [8u/SKp ]

I1s permettent de s'affranchir de la versatilité des maillages aérodynamiques. Ils
sont &tablis pour chaque type d'aérodynamique :

. par lissage aux moindres carrés des pressions pour le passage de Kp des surfaces portantes
aux "noeuds” de la "grille des pressions" de base.

. par calcul des torseurs résultant des champs de Kp locaux pour les charges de base "par
tranche" des corps fuselés.

. par transfert aux Noeuds E.F, puis "projection" sur les composantes (Vaéro) soit :
Su t &§F
(6Kp)’ (V. éro ] (_5Kp) Kp

L'opérateur creux [§F /8 Kp Jest &laboré automatiquement & partir des fonctions
d'interpolation des déplacements normaux des Eléments Finis de la surface aérodynamique N(r),
en satisfaisant au mieux 3 la conservation des travaux virtuels soit :

“Fx =j' Kp(M) N(M) “xds

surface aéro

- Opérateur de lissage des formes &lastiques de base dans les formes aérodynamiques de base. Ils
correspondent & la relation

q = [lb]u + [lr]xr + [1g]x3

[le est obtenu par lissage au moindre carré par minimisation des distances
entre formes soit

J J'N(M)Bu - [S(M) Iq |2ds
surface

[11-] et Cl‘i] désignent les correspondances de composantes, les modes rigides et de
gouvernes devant &tre inclus dans la base aérodynamique.




2.3.6 - B

2.3.

que_de données a&rodynamique, recalage

Dans cette phase délicate on rassemble dans Ta banque de charges sous forme de
composantes les résultats des divers calculs aérodynamiques et d'essais de soufflerie, soit
1*élaboration des tableaux :

§ §u sKp Sa
fs-: (M1 = [ET(EJ [3?;_( M)] 34

skp

8u Myy - 8%y (8P Myy G2
(3% 093 -+ (5 (3 F) g

L'opération prend une certaine complexité du fait que les calculs aérodynamiques
sophistiqués et les résultats de soufflerie ne portent généralement que sur quelques effets
rigides ?incidence, dérapage, braquage de gouverne).

La procédure Ta plus rapide est 1'élaboration directe des tableaux (8u /6xr,g)
et [6uf &xs] indépendamment des [Su/ §q] et [Su/ 64) qui ne sont utilisés que pour
les charges des effets souples.

Cette technique simple peut étre contestée pour les puristes, en considérant que
certaines formes simples peuvent cofncider avec les formes rigides. (Un débraquage des gouvernes
di & la souplesse de la timonerie n'a pas de raison d'étre traité autrement que 1'effet de
braquage de la gouverne) ; 1'idée est alors de recaler la partie "rigide" de chaque effet souple
et de croire 3 la théorie pour la différence.

A partir de 1'opérateur ([Lr-g,q ] de lissage des formes “souples" ¢ dans
Tes Xp,Xg {obtenus par moindres carrés avec ia meme intégration que 1‘opérateur de lissage (L)
des Eléments Finis dans les q), i1 vient

Su Su 8q
[ ()] = [+-(M)] (1 - [Lr-g.,q J) +
&q recalé 6a théo. er.g

Su 8q

[6 (M) - [Llr.g,q]

recalé r.g

Les manipulations conduisant au § u/ gxr recals sur la soufflerie et le vol sont
effectuées par des théories de complexité diverse :

Manipulation "& la main", pour reconstituer des courbes d'efforts généraux sur les corps,

Recalage automatique, & partir d'une fonction d'affinité paramétrée, sur les résuyltats de pesée
partielle en soufflerie ou sur des contraintes mesurées en vol {voir § 3.4).

Récupération directe de résultats mesure de pression.

7 - Couplage

Ce n'est qu'a cette étape qu'on définit la configuration exacte de calcul soit :

La répartition de masse {combinaison des masses de base)

Le Mach et Tes hypothéses aérodynamiques

La pression dynamique.

On se place virtuellement dans une base (Vr, Vs, VYg) ol les formes souples (Vs)
sont orthogonales aux modes rigides, elles sont déduites de {B) a partir des considérations sui-
vantes :

- Les charges de base sont équilibrées par les forces d'inertie induites correspondant aux
accélérations rigides

- Les déformées de base sont orthogonales aux modes rigides.

I1 en résulte 1a relation entre (Vs) et (B)

-1t -
Cvsl =€ -V ] (= )" "CV.1 M1} [B] (I - (3?) () ! <§£_r) }
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A partir de cette définition nous constitucns directement (sans reconstitution
de (Vs)) les opérations nécessaires au couplage aéroélastique soit :

- Les termes nécessaires @ 1'orthogonalisation aux modes rigides

. La matrice de masse rigide [mrr] par combinaison des masses élémentaires
[mrr] = Mi[m__.]

. Les quantités de mouvements rigides des composantes de base

§xry _ t By . § xr.
[XTT] = V1M k= Mi[ETT]i

. Les effets d'accélération rigides [§ u/ 8§ xr] par combinaisons des composantes d'inertie de
la base de charges
- L'opérateur de lissage des Xg dans les formes aérodynamiques de base devient :

-15xr éfr
L=y -1 (e ) )(I-— )l =)

Ir
- L'opérateur des déformations souples aéroélastiques par les effets aérodynamiques de base

txs Su . p-18er) (S
[qu] =L - 55 [mt ] 5 ] [5 ]

A partir de 13 on se raméne aux opérateurs de la théorie générale du § 2.2. :

- Les matrices (Sx) de déformation aéroélastique sous les effets du mode (Voir relation 13 § 2.2)

(5. = (851 113, 05,0 = (293 (1, (5] = (2293 (1)
r t 8 3 r s §q s
- Les coefficients aérodynamiques bruts de Ta relation 12
t‘
1,
e, d = o
§fr.
(¢ ) = 5 I8 ] .

6 fr
re, J = ][6:]1

(c, 1 -rdiny (&

1r,s du §q° s
- L'opérateur des réponses d'efforts et contraintes

5u -1 gfr

(351 = 1323 (1 - (350 (m )7 (85D

8a 8o Su
[3;;] = [E;] [ga] flr]

qui donne accads aux coefficients aérodynamlques et aux réponses d'efforts "aéroélasticité
&liminge" (Relation 16 et 18 du § 2
- Opérateur de reconstitution des charges de base adroélasticité &liminée.

Les charges de base se reconstituent en fonction des paramétres de mécanique du vol
pseudo-rigide par la relation :

Su’
+ [3;;;] xr
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dont les opérateurs se déduisent des matrices [ Sr] et [D]par des relatiors du type :

Sy 1 Su -1 5f1’ -1
[g%;] =3 ov (I - (Ey?) (mrr) (EG—)} (b3 [Sr]

ce qui permet dans les configurations désirées de reconstituer les déplacements avec les charges
Eléments Finis pour les relations

D=[BJu + [Vr]xr et F = [Plu

.8 - Calcul des manoeuvres et de charges dimensionnantes

Les charges résultent de manoceuvres calculées en résolvant 1'éauation (15) de la
mécanique du vol aéroélasticité &liminé. On remonte aux contraintes d'efforts internes aux points
sensibles par la relation (17}, on reconstitue les charges de base par la relation 20.

Le coGt des calculs dans la phase de couplage étant faible (ils peuvent étre
effectuds en mode interactif si on le désire), on balaye facilement le domaine d'analyse {Type de
manoeuvre, configuration massique, Mach, altitude, hypothése aérodynamique).

La recherche des cas de charges enveloppes est effectuée & partir des vecteurs u de
chaque manoeuvre par la procédure automatique suivante :

- Un cas de charge est déclaré enveloppe s'il conduit & une valeur extrémale de la contrainte, &
une tolérance prés, sur au moins 1 point sensible (composante de

Un algorithme trouve le nombre de cas de charges minimal tel qu'en chaque point sensible, les
valeurs extrémales des contraintes, soient atteintes sous au moins 1 cas ae charge (& la
tolérance prés)

L'élargissement de la tolérance permet de réduire le nombre de cas enveloppe

Le processus est associatif

Pour les cas dimensionnants on reconstitue les déplacements Eléments Finis par
combinaison des déplacements et charges de base ; la reconstitution des charges permet de calcu-
ler en détail sur des modéles Eléments Finis raffinés apréds une opération de transfert des
charges.

Un point, soulevé trés souvent, est la définition des manoeuvres & prendre en
compte pour le calcul des charges de dimensionnement, notamment pour le cas des avions & com-
mandes de vol électriques.

On peut employer la stratégie simple suivante :

Etablissement des char .es et dimensionnement de la structure pour des manoeuvres simples
forfaitaires dont le choix résulte des clauses techniques de 1'appareil et de 1'expérience
qu'on a des avions précédents,

Etablissement systématique pour tout le domaine Mach, masse, pression dynamique, des coeffi-
cients aérodynamiques, aéroélasticité éliminée (C') et des contraintes unitaires (8¢ '/6 xr]
fourniture des valeurs extrémales © extr

Calcul systématique des 9 dans toutes les simulations de mécanique du vol avec COVE.

En cas de dépassement des Tlimites

- Soit on modifie le réglage des CDVE

Soit on rediscute le dimensionnement en définissant de nouvelles manoeuvres pour les charges
forfaitaires.

Remarques - Méthodes allégées

La méthode de réduction dans une base de chargement et une base de forme a&rodyna-
mique demande des manipulations et des donnges initiales relativement complexes, elle est avanta-
geuse pour 1'étude de 1'aéroélasticité et des charges dans un domaire de vol complet.

Pour les cas moins ambitieux nous avons prévu deux types d'allégements :

- Utilisation d'une base &lastique de modes propres, qui demande beaucoup moins de données que la
base de charges, le colt ordinateur pour une configuration massique est du méme ordre, il se
multiplie par le nombre de configuration massique.

- CoTncidence des formes de base aérodynamiques et é&lastiques, qui évite les opérations de
1is?age, mais rend une partie des manipuiations aérodynamiques dépendante des résultats de
1'élasticité.
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Ces deux allégements peuvent étre introduits indépendamment ou simultanément.

Les réductions de base modale ont 1'inconvénient de présenter une susceptibilité 3
la troncature difficilement appréciable a priori, les erreurs de troncature rejaillissent plus
directement sur le calcul des contraintes que sur celui des coefficients aérodynamiques souples.

La méthode de base de chargement peut étre considérée comme “exacte" 3 partir du
moment 00 on admet la décomposition des charges dans les cas de base, deux considérations rendent
négligeables les effets de troncature :

- L'effet de “Saint Vemant" qui fait que les forces agissent principalement par leur torseur
résultant, qui est préservé le plus localement possible dans notre approche.

- Le fait qu‘on veille & décomposer chaque "espéce topologique" de charges (lnertie, Pression,
Forces concentrées) dans les sous espéces de (P) appropriés.

Les effets de troncature des charges dus aux formes aérodynamiques sont insigni-
fiants {eu égard a la précision des calcuis), le lissage dans la base de forme réduite peut méme
améliorer les résultats des calculs pour des structures présentant des défauts Tlocaux de
rigidité.

3 - POINTS SPECIFIQUES ET DE DEVELOPPEMENT

3.1 - Calculs dynamiques

3.2 -

3.2,

I1 importe de rendre compatible avec le modéle d'aéroélasticité statique les
modéles de calculs de stabilité, dynamique (Flutter, accrochage CDVE) et des réponses dynamiques
transitoires,

Pour 1'aérodynamique instationnaire il ne faut pas que la rusticité relative des
méthodes employées (Doublets, sources) affecte la partie stationnaire et a fortiori les champs
des effets rigides.

C'est pourguoi nous ne prenons dans les calculs instationnaires que la partie
transitoire soit :

w oA w .
A (V)Cr = MPinst [Mlstationnaire

Rendu dans la base de charges les effets aérodynamiques instationnaires devien-
nent :

Su w, _ EE stat. { W Su stat. é&_ w éﬁ ;8 Sa
sq [ = 39 rec. iy EE rec. * 3Kp [A[v]] (5q A9 Gﬁ)

Pour le modele dynamique &lastique nous pratiquons deux techniques principales :

Utilisation d'une réduction de base modale calculée indépendamment de 13 base de charges ; les
forces généralises sont transmises par la relation :

£ =(V], [PJu

Calcul dynamique directement dans le sous espace des formes (B) de la base de charges, orthogo-
nalisées aux modes rigides, qui rend en quasi stationnaire le modéle dynamigue strictement
identique au modéle statique ; cette technique nécessite 1'élimination des composantes redon-
dantes de la base de charge.

IN existe aussi des techniques hybrides :

Base modale enrickie de déformées de base (Indispensable pour les forces extérieures ponc-
tuelles, type trains d'atterrissage)

Base des modes du sous espace (B) &ventuellement trongués

Calcul non linéaire

1 - Non lingarités aérodynamiques

En pratique il est impossible de les négliger, Tles cas dimensionnants,
correspondant le plus souvent au domaine transsonique od )'aérodynamique est complatement non
tinéaire.

Pour la pratique courante nous procédons par recalage des effets rigides sur la
soufflerie (ou le vol voir § 3.4).
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On 6tablit des effets rigides "secant® par zone du domaine incidence braquage de
gouverne, & partir de 1'interpolation des mesures ; les calculs d'aéroélasticité et de manoeuvre
prennent dans la base de donnée aérodynamique la table correspondante & 1'incidence et au bra-
quage calculé (Processus itératif pour les manoeuvres stabilisées).

Les effets souples Su /8q (dont la partie rigide et gouverne, est recalée) restent
caleulés par les théories subsonique ou supersonique.

En développement nous testons deux approches :

- Méthode des petites perturbations transsoniques dont le coGt raisonnable permet de se ramener
au processus lingaire par calcul des effets de déformation &lémentaire.

- Méthode plus sophistiquée de différences finies et Eléments Finis (réf. 3, 4) pour lesquels on
ne peut envisager que des analyses pour des “formes" donnges soit Kp(q) ; on adopte alors pour
les calculs d'équilibre en manceuvre une méthode itérative type “"Newton modifiée" avec comme

"solveur" 1'cpérateur approché [6Kp /§qllin. des théories linbarisges soit le schéma
suivant :

- Analyse lingaire aéroélastique

. coef, souples

. manoeuvre
—» [8Xp /§qllin. — & q,

équil.
—_—
- Calcul A&ro N.L. sur forme qéqui1.
—» Kp ( qéquil )
- modification Kpo l
—> Kp, = Kplagg,;p) - [6Kp /eallin qg 0y

'

- Analyse lindaire aéroélastique et manoeuvre avec Ko

)

— Y%quil.
v

3.2.2 - Non lingarité mécanique

- Vitesse de rotation (forces centrifuge)

(5 .

\ On ajoute au champs de forces d'inertie }inéaire le terme de force centrifuge

+> »> >

>
F=Lmil a{R o 6™

qui s’exprime dans la base de charge en fonction des produits des rotations rigides sous la
. forme :

U = X X 6
i centrifuge (cent] k. % 4 cig
L'opérateur (Cent] est une combinaison linéaire des composantes "Force centrifuge"
‘4 de 1a base de charge :
Pcent =% M c, C
ij noeuds noeuds i
{ A partir de 13 1'aéroglasticité des termes de forces centrifuges s'élimine, pour
aboutir 3 une &quation d'équilibre aéroélasticité &liminée analogue & (15), mais comportant des
t termes en produit de rotatfon rigide dépendant du badin.




- Non linéarité géométrique

Pour le calcul des charges 1'effet le plus significatif vient des variations de
rigidité induit par les grands bragquages de gouverne.

Si on veut traiter exactement le probléme il faut itérer avec des analyses E.F.
gouvernes braquées, qui sont dispendieuses si on ne procdde pas par sous structuration.

- Non linéarité de contact

C'est un cas trés fréquent résultant de 1'effet des jeux ol des montages 3 "patte
calante" des charges extérieures,

On dispose de deux méthodes de résolution par condensation sur les DDL de contact,
trés peu dispendieuses :

. contact hyperstatique (applicable & 1'isostatique en dynamique), condensation en flexi-
bilité

- le modéle EF est calculé sans tenir compte du contact
- on enrichit la base de charge des réactions unitaires des points de contact
- on traite les jeux comme des composantes de @
. on résout 1'équation d'équilibre aéroélasticité &liminée 15 avec des réactions de contact

unitaires (Apparaissant dans le terme f'o), on obtient les jeux correspordant, soit la
relation :

J=ledr + i,
Les conditions de contact ajoutent les inéquations :
r >0 si j=0
j 20 si r=0

L'ensemble est résolu par une technique d'optimisation (Itération de gradient
conjugué “"sphérique"), qui fournit les réactions d'équilibre r, qui sont reportées comme
second nombre de 1'&gquation d'équilibre 15.

Contact isostatique (Essentiellement le cas des jeux dans les timoneries de gouverne en
dynamique).

I1 vaut mieux utiliser a procédure "duale" de condensation en rigidité suivante ;
- résolution E.F. en supposant le contact
- ce sont les réactions de contact qu'on introduit dans les )

- on résout les équations d'équilibre agroélastique avec des jeux unitaires qui appa-
raissent comme des braquages de gouvernes, on obtient les réactions correspondantes,
soit 1a relation :

r =[K}j + r0
A laquelle on rajoute les conditions de contact résolues comme précédemment
si r » 0 j=0
si

- Non lingarité de servo commande (saturation, non linéarité du modele hydraulique dynamique).

On procéde & la condensation en "rigidité" du probléme de facon analogue pour
aboutir aux relations

[K]d s f

£ =
servo servo o servo

d& lagquelle on rajoute Tes équations d'équilibre statique (ou dynamique) de chaque servo-
commande
= fonction(f Vo,consignes,paramétres, états )

d
serve non lin. hydraul. précéd.
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Systéme d'équations condens& non linéaire “dur" & résoudre par une technique BFGS
avec "Line Search®.

t

Trains d'atterrissage

Le couplage au train d'atterrissage s'apparente & celui des servos, nous 1'avons
décrit en détail dans la référence 5

Non linéarités en dynamique

Elles exigent une intégration dans le domaine temps que nous traitons de maniére
implicite (méthode de Newmark ou de Houbolt), conduisant, & chaque pas de temps, a résoudre
un équilibre quasi statique avec des coefficients de “rigidité" modifiés (addition de

] 8
2cz M1+ at (Vv - 309 C) et un second membre modifié par des termes fonctions des
états précédents, & cela prés toutes les techniques de résolution des é&quilibres non lingaires
statiques précédemment cités sont valables.

‘Le probléme théorique délicat est la prise en compte des forces aérodynamiques
transitoires qui ne sont définfes que dans le domaine fréquence, nous développons deux tech-
niques :

. rationalisation basé sur le lissage de I|'aérodynamique par des polynémes en W qui
conduit & :

Ut = q + q + +aq"
=% a+e4d een nd

dont les termes en dérivés se prennent aisément en compte dans 1'intégration implicite.

. intégration par convolution A partir des réponses en Kp ; a des échelons d'incidence
locale dont les coefficients sont identifiés par transformée de Fourier aux fréquences de
calcul de 1'opérateur [a (ﬂ)]

v

Ce type d'intégration, qui fait apparaitre des termes correctifs venant du passé,
se prend en compte aisément dans 1'intégration implicite.

3.3 - Optimisation

L'usage intensif de la technique d'optimisation structurale par AMD-BA depuis une
décennie, a exigé dés le départ, l1a prise en compte de contraintes d'ordre aéroélastique portant
essentiellement sur les efficacités de gouvernes et de vitesses de Flutter,

Nous avons exposé en détail dans les références 6, 7 et 8 ces méthodes qui ont
passablement modifié Te processus de dimensionnement de nos avions.

Ces techniques exigent la fourniture au moniteur d'optimisation, de 1'analyse des
“contraintes” d'aéroélasticité et leurs dérivations par rapport 23 des paramétres de conception X
(Echantillonnage) dont les matrices de rigidité (K) et de masse (M) dépendent lingairement soit :

{x] = [KOJ + I i [K]

M

[Mo] + LAt (Mi]

Nous résumons ici la technique spécifique pour effectuer, & meilleur compte, les
itérations d‘analyse et de dérivation, qui s'organise sensiblement différemment du calcul général
exposé § 2.3.

- Analyse

gs représentant le Tissage des effets souples Xo dans les formes aérodynamique de
base, il vient :

q = % pv2 [L] {B

q  +B_ x_ + B, x. +B X + X}
s s s r'r rr g '8 ©

Les opérateurs B. correspondent aux résolutions type :

B K -1 Su §a -1 P
8 (X3 S§Kp 8qs (K3 s




(L'opération B. = (K)'1 P. se sous-entend comme comprenant, en plus de la réso-
tution, les orthogonalisations de P. et X. aux modes rigides).

On tabule avant les itérations les opérateurs de charges &lémentaires
en posant :

22 . 1,2
D' =1 - 3 pvée L Bs

il vient la relation d'élimination des

Loy -1 . X
B a, = 5PV [p'377 LB, x, + By xzg & B x + o)

tes coefficients aérodynamiques et aéro&lasticité &liminés prennent des formes du
type :
1.2
' = spve C
Cre =S * 2 % ¥
24
'ILB_

avec [w] = pt

- Dérivation
1 Sachant que  d (K"} F) = - K7} 4K X 12 differenciation de 22 conduit & :

25 ) U ) | X X
dg = - 70V L K~ dK {Bs q, + B x_+ B x; B8 g + Xy

en éliminant gs par 23 il vient

dag= -7

en différenciant 24 i1 vient :

1 2 -
t = e e
dC rr = vl pv Cr,qs D LK dK {Br + B u}

Préférable sous les formes :

1 1

v 2 ~1 -
ac' = - gov? {K (cr,q,3 DT L) b, dK(B_ + B W)

dont le gros des calculs représente la résolution des é&quations d'équilibre EF avec autant de
seconds membres que de coefficients aérodynamigues surveillsés dans 1'optimisation, 3 chaque Mach
et chaque pression dynamique envisagée.

-1
(K77 L), dK(B, + By 1)

3
dont Ve gros des calculs représente des résolutions de 1'équilibre EF en nombre égal 3 celui des
formes aérodynamiques de base (Indépendamment des coefficients, Mach, pression, pris en compte).
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3.4 - Identification

L'idée directrice est de corriger le moddle théorique en fonction des mesures en
vol, pour permettre des extrapolations au-deld des points du domaine effectivement testé.

Nous avons exposé en détail la technique que nous utilisons dans la référence 9.

L'avion est instrumenté, en plus des capteurs classiques des paramétres de méca-
nique du vol, de plusieurs centaines de jauges de contraintes dont la disposition résulte d'un
compromis entre la surveillance des points sensibles de 1a structure et la couverture des divers
"chemins" d'efforts internes.

Par des étalonnages au sol on corrdle les contraintes calculées aux contraintes mesurées sous
de nombreux chargements (plusieurs dizaines) les principaux "chemins” d'efforts devant étre
excités, i1 en résulte, aprés correction un opérateur S0 /6F fiable.

Les mesures en vol sont effectuées sur des manoeuvres permettant de séparer au mieux chaque
effet aérodynamique &lémentaire (Incidence braquage et gouverne, etc...), ces manceuvres dites
“stimulus” sont des oscillations de tangage ou de roulis & fréquence variable (programmées dans
les CDVE),

- On sépare par une opération de )issage les réponses aérodynamiques é&lémentaires ¢ mes ,
dites "mesurées", ces résultats intermédiaires sont validés par recoupements sur d'autres
manoeuvres.

On pose que les différences avec la théorie ne proviennent que de la distorsion des champs de
pression aérodynamique rigide élémentaire par une fonction dépendant de paramétres A inconnus
(pour les effets "souples” on croit & la théorie).

Les techniques de recalage, décrites § 2.3.5, et 1'ensemb1xe de l'analyse, permet-

tent le calcul des réponses des jauges en fonction de X soit O , le processus de
dérivation fournissant §g_/ 6A est assez complexe, il est décrit en détail dans la
réference r

Le probléme d'identification est posé sous la forme
A2 minimum

en satisfaisant aux inégalités

-e$0_(X) g9 te
r mes e M r mes

Soit chercher la solution la plus proche possible de la théorie reconstituant les
mesures & une tolérance de précision prés,

L'intérét de cet approche, par rapport aux méthodes classiques de moindres carrés,
est de ne pouvoir &tre mis en défaut par les combinaisons de paramétres “nor observables" (pris
alors & leurs valeurs théoriques), et que les données de précisions des mesures & peuvent
&tre évaluées.

Pour &tre appliquée telle qu'elle, cette technique exige la séparation d'effets
aérodynamiques linéarisés, ce qui pose des probiémes en transsonique.

Remarque

La méme technique d‘identification par réponse de jauges s'appligue (plus simpie-
ment) sur les essais en soufflerie, pour la reconstitution de champs de pression "utile” 3
partir de mesures sur maquette instrumentée de jauges de contraintes.

CONCLUS IONS

Nous disposons aujourd'hui d'un &tat de 1'art en calcul des charges satisfaisant,
pour couvrir en statique et en dynamique :

- L'ensemble 4es phénoménes, linéaires ou raisonnablement linéarisables
- La plupart des problémes non linfaires mécaniques

Le probléme délicat de la gestion de ces calculs dans un domaine multiparamétres
(Manoeuvres, configurations massiques, Mach, pression dynamique) est résolu & faible codt par les
techniques de base de charges et base de formes aérodynamiques.

Le point vraiment épineux est celui des non linéarités aérodynamiques en trans-
sonique, qui affectent malheureusement le calcul de la plupart des cas de charge dimensionnants ; les
méthodes de calcul simple sont trop inexactes et les méthodes sophistiquées trop colteuses pour qu'on
puisse balayer raisonnablement le domaine des configurations ; méme 1'identification de modele sur le
vol est trés délicate en transsonique.
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Ces aspects négatifs se compensent partiellement :

- pour la voilure, par le fait qu'une bonne partie des manoeuvres dimensionnantes est défini par les
torseurs résultants des charges plutdt que par les paramdtres aérodynamiques ; ainsi pour une ma-
noeuvre de facteur de charge stabilisée, le fait, qu'en tout état de cause, }'avion porte son poids
et qu'une proportion relativement constante de la portance se situe sur la voilure, atténue notable-
ment, pour le moment de flexion & 1'emplanture, les erraticités des répartitions de pression.

- que les commandes de vol “digitales” modernes peuvent é&tre dotées de systéme correcteur maintenant
Y'avion dans un domaine donné d'accélération (voir de contrainte).

—
[
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STATIC AEROELASTIC CONSIDERATIONS IN THE DEFINITION OF DESIGN LOADS FOR
FIGHTER AIRPLANES

by

G. SCHMIDINGER
O. SENSBURG

MESSERSCHMITT-BOELKOW-BLOHM GmbH.
Helicopter and Airplane Division
8000 Munich 80, P.O. Box 801160, W.-Germany

ABSTRACT

The paper initially is starting with some typical effects of static aeru.!»stic correction factors in
context with the definition of structural design loads for major aircraft com: ~uc . ts. The influences on
response parameters and resulting design loads are shown as well as the aeroelastic optimization of
traifing edge flaps with respect to geometry, efficiency and hingemoments.

INTRODUCTION

Over the last 20 years the implication of static aeroelastics has increasingly been recognized and
respective publications reflect their influence on aerodynamics, control efficiency, performance and
structural optimization.

In the beginning these influences of static aeroelastics have been evaluated quite independantly by
the different technical disciplines, but in the last decade, use of structural optimization programs
especially in designing carbon fibre structural components led to the development of tools for aeroelastic
tailoring. These tools now represent a productive link between the technical departments in order to
achieve an integrated design and it may be pointed out, that the quality of results to a large extent
reflect the skill of project structural managers in coordinating the increasingly complex and coherent
technical aspects.

DETERMINATION OF AEROELASTIC LOADS

A survey of important considerations on general aeroelastics is given e.g. in the References of the
60th AGARD Meeting last year (see List of References). Some special areas of interest in context with the
definition of design loads for a flexible aircraft are emphasized here.

Table 1 shows a simplified example, how static aeroelastic application rules may be dealt with. The
aircraft aerodynamic model is first treated as a set of major aircraft components and the influences of the
different state variables on longitudinals - as angle of attack, contro! terms and damping terms - are
summarized in a set of rigid aerodynamic coefficients/derivatives. Static aeroelastics are then either
added (ac..) or factored (f..) and considered as a shift of aerodynamic centre of pressure (x..).

The structure of laterals is in general analogue - even in reality being more complicated from e.g.
determination of dihedral effects etc. - and only fin and rudder as well as store components are added in
order to generate the major aerodynamics/aeroelastics of those. The areas of interest intended to be
pointed out are displayed in the table:

- aeroelastic wing correction  f, (!}
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- aeroelastic inertia increment AC_ nz and
- aeroelastic fin correction fh(Bl

- aeroelastic inertia increment Aclb

The typical shapes of those aeroelastic corrections are shown in Fig. 1 as a function of dynamic
pressure and partly additionally dependant on Mach.

Wing Design

Fig. 2 shows in graph 2a a comparison of the static aeroelastic factor f, derived from
theoretical linear theory with those derived from a "strip method" using the nonlinear rigid wing spanwise
local lift from windtunnel measurements versus angle of attack (AOA) as shown in graph 2b. It is obvious,
that spanwise AOA effects have an important influence on the flexible total wing lift curve as shown in
graph 3c. Whilst the resultant flexible wing lift curve is quite acceptable in the linear region it
deviates strongly in the nonlinear region. A comparison of windtunnel measured lift from a rigid bent wing
model (designed for a high "g"/a condition) shows, that the “strip method" matches quite well the
windiunnel test results in the design condition.

From this experience it can be derived, that also for the definition of incremental effects as e.g.
inertias ( ACL,mn; ) a proper relation of the AOA range in the nonlinear region is mandatory and can
only be treated in an iterative process using combined conditions (e.g. ACA + nz ).

In forgetting aeroelastic tailoring to achieve trailing edge flap effectiveness - to be treated at the
end - it may be pointed out, that the effects of these static aeroelastics on structural wing design can be
regarded as a secondary effect (from shifting the aeroelastic wing load distribution inboard or even
outboard) because changes in wing lift from aeroelastics must be compensated by increasing or also
decreasing the aircrafts AGA in order to design for a constant load factor.

Fin and Forebody Design

For these components the sitution is quite different because e.g. a horizontal gust case may become
critical and the resultant sideslip angle really produces a fin efficiency and resultant design load
coincident with fy, and forebody loads coincident with the aeroelastic increment ACyB () as shown on
Fig. 1. Thereof these factors are realized as primary effects on design loads and the c.p. shift only as a
secondary influence.

Horizontal Tail Loads

Fig. 3 shows the application of steady aeroelastics on the derivation of horizontal tail loads. First
it can be seen, that the response calculation using flexible aerodynamics reflects an increased AOA in
comparison to the rigid value in order to achieve the same magnitude of design load factor. Secondly a
smaller tailplane load is necessary for initiation of the manceuvre (according to MIL-Spec.) but an
increased tailplane load for checking the manoeuvre. In a swept wing stable configuration the latter effect
can be explained by reduced stability and it becomes even more pronounced for an unstable aircraft, where
very small control loads (tailplane, foreplane or trailing edge flap) for initiation of the pitch manoeuvre
are produced but relatively high loads arise in order to check the manoeuvre (instability effect).

Effects of Inertia Terms on Responses and Related Loads

Based on the same "strip method" as quoted above for derivation of wing aeroelastics Fig. 4 shows the
inertia bending effect from a roll acceleration p for different store adaptions on a medium swept
wing-using windtunnel measured spanwise distributions. The aeroelastic deflection results in local AOA
changes leading to an inertia rolling moment Acp{(a) for the wing alon¢ and an increment for outboard
stores respectively as shown on the right hand side of Fig. 4.

In performing a MIL-Spec. rapid rolling manoeuvre considering this Ac‘,—, term it is revealed, that the
resulting acceleration p is increasing by up to 40 % as shown in Fig. 5. This p produces a change in local

load factors of’




Anz  o/bstore = p-Ay/g  or
Any  u/fstore = p-Az/g

thus leading to increased net (aero + inertia) normal and side forces by up to 50 % for the 0 "g" case.

In this context an interesting relationship between the moment of inertia and the aeroelastic
increment ACi; may be worth mentioning. Fig. 6 shows, that a proper combination of the inertia and
aerodynamic configuration (aeroelastic effects of outboard stores exist only in line with remarkably
increased inertias) is mandatory in order to avoid undue roll accelerations.

Optimization of Trailing Edge Flaps

An empirical formula for the relationship between the aeroelastic roll efficiency factor kg and the
aeroelastic hingemoment reduction kyy for ailerons on a delta-canard-fin configuration can approximately
be expressed as shown in Fig. 7. It is seen, that half of the aeroelastic efficiency reduction can be
assumed for the hingemoment. In demonstrating this very simple relationship on steady roll performance it
becomes quite obvious, that flap design hingemoments are strongly influenced by a careful optimization,
which shall be treated here below.

This strong influence of the aircraft elastic structure on aerodynamic loading is first shown by the
aeroelastic correction factor of an outboard trailing edge flap (Fig. 8) and the respective chordwise
distribution shown in Fig. 9.

It will be shown how high sustained roll rates can be achieved at high dynamic pressures with
aeroelastic tailoring of a carbon fibre wing, whilst minimizing hinge moment demand and therefore hydraulic
power and flow requirements.

A certain roll rate was chosen as design aim at Ma 1.6, 20000 ft, which makes the aircraft agile and
competitive. All calculations were performed with the TSO-Computer program /6/ with a MBB-modified
optimization algorithm. The program can minimize the structural weight by proper laying of CFC laminates in
direction and thicknesses fulfilling in this case static strength and efficiency (stiffness) requirements
simultaneously. Because a plate model is used for structural representation quick changes of geometry, like
flap size, are posssible which would be very time consuming on a finite element model. On the other hand
there is a certain loss of accuracy so that results should be taken as tendencies rather than fixed values
of structural weight.

Aim of the Study

The aim of the exercise was to optimize the CFC wing laminates (with respect to weight) in thickness
and direction - always fulfilling the rollrate required - in such a way that the lowest trailing edge hinge
moments could be found. Flap size - chord and length - were varied parametrically. An estimate of the
exchange rate of trailing edge hinge moments with weight is given in Fig. 10. This figure shows that
halving necessary hinge moments by making flaps more efficient could save about 60 kg weight.

In order to have all possible flap travel available for rolling it is necessary to do required
trimming with the foreplane. The final outcome of the investigations are flaps of optimum size, which
cannot be found by applying pure aerodynamic considerations.

Search for Optimum Trailing Edge Size

Due to strong influences of elastic deformations on stationary aerodynamic forces at high dynamic
pressures the classical aerodynamic approach with rigid derivatives must be replaced by a method, which
optimizes the structural weight fulfilling the roll requirement. It should be emphasized that all
parametric investigations must be done by optimizing the structure in thic<ness and layer direction for
every point investigated - which could mean different laminate thickness and directions for each point.

A study taking an optimized structure for one point and analyzing another point could be misleading.
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The study was conducted in two steps:
1. Find the maximum possible chord flap

2. Define a split line for two flaps

[nvestigated Flap Geometry

The scope of the study is shown on Fig. 11. Different inboard flap chords were not investigated
because the requirement was also to get the largest chord flaps aeroelastically possible necessary to
assure controllability at high subsonic Mach numbers where longitudinal static instability is the highest
and flap deflection may be restrictive.

Results

Fig. 12 shows the hinge moment and required flap angle to fulfill the roll requirement for flap
version L. It shows a steep gradient for hinge moment reduction near the strength design which flattens
considerably at 40 kNm. Flap deflection shows similar behaviour. It should be noted that the flap
deflection for the rigid wing cannot physically be reached with the given t/c ratio and material
properties. Rigid flap in this investigation means a flap which is continously driven. Two optimization
runs were made with flexible flaps driven at two spanwise positions (0.2 and 0.5 wing span) which showed
that flap angle goes up whereas hinge moment goes down. These results should not be applied as a general
rule as is shown in Fig. 13. This figure presents results for flap version II (40 % outboard chord). The
behaviour of hinge moment and flap angle is similar but 40 kNm can be reached with less structural weight.
When the flexible flap was introduced the flap angle went up considerably whereas the hinge moment did not
reduce. A boundary for increasing the flap chord outboard is the flutter speed with tip missile and the
request for a reasonable torsional box to get a high enough missile attachment stiffness. As a matter of
interest flutter speeds of the clean wing were calculated and are presented in Fig. 14. From this figure it
can be deduced that for the clean wing there is no difference between wing with flap I or flap II. Flutter
speed increases with structural weight because torsion frequency goes up. In Fig.1S v-g plots and vibration
modes for one case are presented. In Fig. 16 the added mass (above the mass for strength design) as a
function of the hinge moment is plotted. The optimum hinge moment is about 45 kNm for a full span flap. The
bigger chord outboard flap 11 was chosen for further investigations, because it clearly shows a total mass
reduction against flap I.

Flap Split Definition

In order to define the flap split spanwise two exercises were performed. The full span flap was cut
outboard down to 80% and 60 % span - always fulfilling the roll requirement with an optimized structure. As
shown in Fig. 17 this is the wrong way to go. Hinge moment and flap deflection increase above reasonable
values of

40 kNm and 15 deg. (to stay in the linear regime of aerodynamics)
and cannot be reduced by added mass because gradients are too flat.

In Fig. 18 the fullspan flap is cut inboard to 80 % and 54 % span. The hinge moment goes down now but
deflection becomes marginal (close to 15 deg.) when a 54 % outboard span flap is used alone to fuifill the
roll requirement. It is also impossible to install 30 kNm at such a far outboard position as 54 %. Fig. 19
shows clearly that the optimum lies around 35 kNm installed hinge moment, which is lower than for full span
flap (Fig. 16). A possible way to go is shown in Fig. 20, where a flap split is taken at 40 % outboard fiap
span (referred to total flap span) and different flap angles are used inboard and outboard. Table 2 shows
that it is best to use maximum deflection from outboard flap respecting the limits of

20 kNm and 15 deg. angle

because ratio flexible hinge moment
flexible wing rall moment

is : = 1.5 x better than full flap
~ 2 x better than inboard flap
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Proposed Flap Split
The following conditions must be fulfilled:
- biggest possible outboard span flap with maximum angle

- not exceed 20 kNm with outboard flap
- not exceed 15 deg. flap angle

Two cases could be calculated (without changing the aerodynamic grid) shown in Fig. 21. A split of
50 % i/b and 50 % o/b flap was selected. With a linear interpolation of the results shown in Fig. 21 this
would give an outboard hinge moment of 22 kNm.

' Additionally two benefits of this configuration <hould be mentioned:
- same actuator could be used for i/b and o/b flap
- about 5 kNm hinge moment is still available at the maximum roll condition
when 40 kNm are installed as a total,
CFC Wing Laminate Thickness and Directions
For the selected case the laminates are shown as isothickness in Fig. 22. An unbalanced laminate was
chosen because it gives lowest structural weight. It is interesting to note that the +45 deg. layer, which

is primarily responsible for increasing flap efficiency, is increasing its thickness outboard to produce
higher stiffness.
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J ROUSTAN

M. CURBILLON

AEROSPATIALE - Division Avions
Direction des Etudes Toulouse
316 Route de Bayonne BP 3153

31053 TOULOUSE

BESUME -

Sur les avions de transports modernes, les phénomeénes aéroélastiques statiques jouent
un rdle trés important tant au niveau des qualités de vol que des efforts appliqués
a la structure.

Aprés avoir présenté 1a méthode utilisée par I'Aérospatiale pour 1a prise en compte et le
calcul de ces effets, cette communication aborde quelques aspects particuliers liés a

cette approche. Les gifférents points abordés sont illustrés par quelques résultats
d'études

ABSTRACT :

Static aeroelastic phenomena play a very important role on modern transport aircraft,
as regards both handling qualities and l0ads applied to the structure.

After presenting the method used by Aerospatiale for taking these effects into
consideration and calculating them, this lecture deals with some particular aspects

associated with this approach. The various points discussed are illustrated by some
results of our investigations.
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HOTATIONS .
CE Coefficient de portance en avion rigide
R
%&5 : Gradient de portance iié & I'incidence en avion rigide
o\‘ - Incidence en avion rigide
°:: - Incidence de portance nulle en avion rigide
?bc i“ Gradient de portance 11é au braguage d'une gouverne en avion rigide
S - Braquage gouverne en avion rigide

- Répartition des forces locales liée a un effort d'incidence en avion rigide
- Répartition de forces locales liée a 'effet portance nulle en avion rigide

- Répartition de forces locales lée & un effet de braquage gouverne en avion
rigide

- Répartition de forces locales liée & une déformeée (A) de V'avion souple

- Déformation de i'avion souple

“Matrice de coefficients d'influence aérodynamique

- Matrice de flexibilité

Répartition de forces locales

- Facteur de charge verticale
Masse avion

2
_Pression dynamique < AE eV

. Surface de référence

Variation d'incidence due a V'effet de souplesse

: Variation de braquage gouverne due 3 I'effet de souplesse
. Déformée avion par rapport a une référence

- Matrice colonne unitaire transposée (matrice ligne)

- Reépartition de forces locales avion rigide
- Répartition de forces locales liée & I'effet de souplesse

- Incidence en avion souple

Incidence de portance nulle en avion souple

- Braquage gouverne en avion souple
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: Gradient de portance 11é & 'incidence en avion souple

- Gradient de portance 11é au braguage gouverne en avion souple

: Gradtent de portance 11é au facteur de charges en avion souple

: Variation de gradient de portance 11é 2 Y'incidence due a V'effet de souplesse

: Variation de gradient de portance 1ié & V'effet de braguage due a V'effet de

souplesse

: Variation d'incidence de portance nulle due 2 V'effet d'incidence

- Variation de gradient de portance liée au facteur de charge due a Veffet de

souplesse

Rendement aéroélastique

- Répartition ge coefficients de portance locaux
- Positlons du foyer tocal en envergure
- Corde géométrigue locale

S
; envergure réduite Py

"R
- Rendement en moment de routis 1ié au braquage 5!’ des ailerons = —%’:
£

o

. Vitesse de roulls stabilisée




! - INTRODUCTION

L'évolution des avions modernes de transport se traduit par une recherche continue de
1'augmentation des PERFORMANCES dans tous les domaines :

- vitesse,

- Aérodynamigue,
- Structure,

- Qualite de vol,
- Propulsion,

- Masses,

Concorde a présenté un “bond”. mais 1a génération des avions actuels ou futurs, s'ils
“restent” dans le domaine subsonnigue, n'en confirment pas moins cet objectif.

Pour nous aéroélasticiens ceci se traduit par :

- des surfaces portantes aux profils trés évolués et de grands allongements, pour
lesquelies les aérodynamiciens investissent heures d'ordinateur et de souffierie.

- des structures ou 1a chasse aux kilogrammes superfius est lancée a travers des
Modeles Eléments Finis toujours plus fins et de procédures d'optimisations
attrayantes,

Jd'ou des avions de plus en plus souples.

Pour s'en convaincre 11 suffit de regarder la forme prise par un A310 en cours d'essais
statique. (Veir planche 1).

11 en résulte donc que les phénoménes aéroélastiques sont devenus une composante
majeure dans cette recherche de 'a performance. Nous nous intéressons ici plus
particuliérement aux phénomeénes statiques ou les déformations misent en jeu sont
suffisament lentes.

2 - GENERALITES :

Les effets de I'aéroélasticité statique se manifestent dans tous les équilibres associés
aux différentes manceuvres effectuées par 1'avion en vol. 11 en résuite des modifications
des répartitions defforts locaux et des conditions d'équilibre.

Dans 1a mesure ou I'on veut &tre performant, 11 est nécessaire d'éliminer au maximum
les incertitudes.
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11 faut donc étre capable d'explorer tout le domaine de vol avion en avion souple tant
pour ies problémes de qualités de vol que pour les problémes defforts généraux.

par aflleurs les simulateurs de vol sont de plus en plus utilisés soit comme outil de
développement soit pour 1'entrainement des équipages. L3 aussi nous trouvons des
moyens de simulation de plus en plus performants et réalistes. |1 est donc nécessaire
qu'tts puissent prendre en compte les effets de souplesse.

La recherche de la performance au niveau conception et dimensionnement de la structure
nous conduit a introduire des contraintes ou des objectifs aéroélastiques dans ie
processus d'optimisation structurale.

Nous pouvons donc résumer nos objectifs : (planche 2)
. Explorer tout e domaine de vol en avion souple
. Données simulateurs en avion souple

. Optimisation aéroélastique.

3 - AEROELASTICITE STATIQUE ET MECANIQUE DU VOL

Les deux premiers objectifs ci-dessus concernent I'impact de Vaéroélasticité statique
sur Ja mécanique du vol et de ses conséquences : conditions d'équilibre, qualités de vol,
efforts généraux.

Compte tenu du probléme posé et des objectifs précédents I'approche Aérospatiale
consiste @ introdufre les effets de souplesse sous 1a forme de coefficients correcteurs
des données aérodynamiques avion rigide afin de conserver le modéle mathématique
utilisé en mécanigue du vol traditionneile.

3.1 - Les "outils” aérodynamiques et structuraux :

L'étude de V'aéroélasticité statique consiste & étudier les relations entre déformations
et forces indultes dans le cycle

forces —> déformations ~> forces induites ~> déformations —> ...

- forces aérodypamigues (P1. 3)
Le cycle précédent fait apparaitre deux types de forces:

- forces Initiales déclenchant le cycle
- forces Induites

Les forces Initiales sont celles associées & 1'avion rigide. Pour les forces
aérodynamiques elles résultent des pressions mesurées en soufflerie ou calculées
théoriguement.

Elies sont rattachées par exemple aux effets : R

- Incidence «<f e {ﬁ(‘
R

R
- portance nulie C, =0 —> { Fc;:oi

R R
- braguage gouverne § — { F sg
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Les forces induites [Fa) sont celles résultants des déformations de 1a structure (a}
La méthode employée pour les calculer ytilise des matrices de coefficients d'influences
aérodynamiques stationnaires [A] calculées par 1a méthode des réseaux de doublets { Réf

3)doy : -
v fea) =g [al{a
A défaut de données soufflerie ou theoriques plus évoluées ces matrices permettent

d'obtenir des forces initiales de bonnes qualités acceptables pour des études
préliminaires.

Ceci est d0 en particulier aux possibilités de notre code de calcul autorisant un maillage
fin (500 "pavés” aérodynamiques par demi-avion) et & un recalage global en portance
pour les effets Mach.

. Déformations (Pianche 4)

Le caicul des déformations est effectué en utilisant une matrice de flexibitité [C]
refiant forces locales (F) et déformations locales (a)

fof = Le1{r]

Cette matrice de flexibilité [C] est calculée par le code Eléments Finis ASELF développé
3 I'Aérospatiale.

La schématisation structurate peut aller du modéle poutre simpiifiée (voir Ref. 2) au
modéie éléments finis avion complet traité par assemblage de sous-structures. La
méthode des sous-structures étant parfaitement adaptée au travail en coopération ou en
groupes opérationnels spécialisés.

3.2 - Cuefficients aérodynamigues en avion souple
Le principe général de i'approche utilisée a 'Aérospatiale est dd 4 MA MARSAN qui I'a

appiiquée a I'étude du comportement de Concorde en vol symétrique stationnaire
(Reférence 1).

3.2.1 - Pringipe et organisation générale du calcyl (P1.Sa7)

Pour ne pas alourdir 1'exposé et éviter une suite d'expressions matricielles fastidieuses,
le principe et I'organisation générale du calcul seront appliqués a:

- I'équation d'équilibre en forces pour des conditions de vol symétrigue sous facteur de
charge n 4 vitesse de tangage nulle,

- un avion avec empennage et gouverne de profondeur, 'empennage étant considéré
comme flxe. L'avion rigide est alors représenté par les coefficients aérodynamiques :
R

- gradient de portance avion avion complet :‘;CL
&

(Fuselage + voilure + empennage)

R
- incidence de portance nulle en avion en avion complet Xo

&
- gradient de portance 1ié¢ au braquage de 1a gouverne de profondeur ?_.;'-
7

En conséquence, 1"équation d'équilibre avion rigide s'écrit d'une maniére trés
schématique :

n.Mg = q.S.(

R

R R
gi“‘(xa-b(:) + ?OCSL Y ) @
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Pour des conditions de vo! identiques. I'effet de souplesse ne modifie pas 1a résultante
des e{rorts aérodynamiques mais entraine une variation des paramétres d'équilibre Aag
et A ainsi quune déformation de la structure {A}

Lareésultante aérodynamique n'étant pas modifiée le systeme gefforts assocté aux
effets de la soupiesse est donc en équilibre. Ceci s'écrit sous la forme

K R
. S
0:qs(ke hL 6 dyLg [f[al] @
™ R}
et T'on obtient I'équation d'équilibre en avion souple en ajoutant le systéme nu)@a
Favion rigide (1), d'ou
R

Mgz §.5 ph((q,o*) S R I T ©

T R

quant’aux deformations de la structure elles sont dues a toutes les forces aqlssant sur
lavion provenant des effets rigides {F)R et souples {4F}3, soit

R

%Ai:{b]h [c”q %ar(*“.&) *q{ng(Xa‘A‘S)*q{ihﬁ(ﬁ . {mﬁ?jn?} ®
(8] - [t -a[c]lA]]

En remplagant {A] equatnon@jans I'equation d'equmbre@»ous arrivons a la
tormuiation mettant en evidence ta forme defimtive et simple de I'équation d'équilibre

en avion souple

-

T

ntMgq = qb?,f(‘(e( An() 52{41

[rs] ]{n{(«“m’«)
_5.5.1?_.‘_1.0(5 . 2{41 (3] [C {(Ni

qs?& (5% 47)+ g2 o]’ {“][’5] (<145 i ¥ 45)
ea {f [T (] i m

s > $

- s C
Mz 3.5 (2 (5 et oCe g lt.n*) G

3=A De(( °) * 37 MY
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0U apparaissent

S 8 P
- les conditions d'equiiibres en avion souple o4 et
- I'expresston des coefficients aérodynamiques en avion souple

élgo

%4 A% 3T )i

_______ —y A‘?;C—L:-———-—__..__--_

e(‘: + Ay, — Aqo:-%‘ct.[os:% N + gM (a][®) [C])JFc I}
X%C_: — 22% 2 (a2 e ) }

Ceux ci comprennent le terme traditionnel avion rigide 35 plus une partie due a la
souplesse a* 2% , Sauf pour le dernier qui n'a pas d'équivalent en avion rigide

Dans certans ¢as, en particulier pour les effets gouvernes le terme correctif lte  la
souplesse peut se presenter sous la forme d'yn facteur multiplicatif ou rendement 17

’Dc "Dc

:717—

T T——— . w—
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3.2.2 - Forme des coefficients soupies

Le principe général de cette approche est en fait appliqué aux équations de forces et de
moments tant pour des manoeuvres longitudinales que latérales. |1 en ressort un grand
nombre de termes correctifs associés a la formulation utiiisée pour 1'avion rigide. Par
exemple pour rester dans ie domaine longttudinal, la formulation compiéte du
coefficient de portance CLS sécrit -

[ 44
Ct: CL P . %Q(C: fCI_.Sq) +* ng.iee_‘ + AC‘_SsP

e AC  San 4 AC, .3 p + AC‘_S‘d + 4Ccn

we,
c. = ?)_&- (-( -u,) -portance de I'avion sans empennage (WFP = Wring + fuselage + pods)
L3

s
s s .
CI: 9&‘ (.( ~&q4 -.,,) . portance de V'empennage horfzontal (T = tail) 1iée a I'incidence
gl € = déflection
s ly- braguage de I'empennage horizonta)
_ P ¥ , .
Ca_SQ T 9 portance de I'empennage 1ié ay braguage de 1a gouverne de
4 profondeur
LY
Cu‘ = JCe g portance de I'avion complet lié 4 la vitesse de tangage
2 q..f‘ v
v
H
s 3 wE
F(a’cffl WL Xcﬁ Ce 4 ¢ '«S)

AcL.S,‘, ) 8CCSps 5 8C0L1p, ACLIA , AC
= portances asssociées aux braquages
spoilers, aérofreins, }ift dumper ailerons et au facteur de charges n,

Tous les coefficients précédents font intervenir des termes correctifs pour tenir
compte des effets de souplesse

Quelques exemples de termes correctifs sont donnés planches 8 3 10.
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Blanche 8 : Exerple de termes fonctions du Mach et de 1a pression dynamique

=% . variation du gradient de portance 1ié a I'incidence due a l'effet de
souplesse

On retrouve une évolution en Mach du méme type que celle du coefficient en avion rigide
alors que I'évolution en pression dynamique est plus ou moins de type parabolique.
(Non linéarité associée a V'inversion de 1a matrice {B].

+
- '7CL sq = rendement aéroélastique en gradient de portance 1ié au braquage de la
gouverne de profondeyr

s
L'évolution en Mach, il y en a une, se manifesteraft au niveau dy & Cq_si par
Vintermédiaire de V'évolution du coefficient rigide C: L2

ACS'-S‘\ = c:“l ( Tevsq ‘4)

:
Planche 9: Variation du gradient de portance associé au facteur de charge. & 39:
n
On retrouve 'évolution plus ou moins parabolique en pression dynamique. 1'effet de 1a
répartition de masse se traduisant par une sorte de translation.

s
Planche 10 ; Effet de souplesse sur I'incidence de portance nulle. A,

Nous faisons ressortir ici une des possibilités originale de 1a formulation retenue, a
savoir 1a possibilité de fournir 'effet de souplesse sur F'incidence de portance nulie
référencée solt & la forme bat) ou forme de construction (dite forme an =0 g) soit a la
forme optimisée de croisiére ou forme maguette (dite & n = 1g) suivant 1a référence
retenue pour I'incfdence de portance nulie en avion rigide.

Pour une pression dynamigue § = 0 nous remarquons : que la variation d'incidence a
portance nulle référencée & 1a forme bati (ou n = 0g) est nulle car I'avion n'est pas
déformé et que la variation d'incidence de portance nulle référencée 3 la forme maquette
{n = 1g) est différente de zéro. Eile représente la différence d'incidence de portance
nulle entre les formes maguettes (n = 1g et bati (n =0 g)).

3.3 - Charges en avion soyple : (P1. 4)

Nous avons vu précédemment que F'effet de souplesse se traduisait par une modification
des conditions déquilbre = =3 = «®, 6% eF $%_w 3%z 5%, &%  ainsi que
par des déformations {a}

L'examen de 1'équation d'équiiibre de V'avion souple ( Equatton(}))lanche 5) montre que
les repartitions de charges liées aux variations d'incidence et de braquage sont prises
directement en comote en utllisant les répartitions unitaires établies en avion rigide
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Par contre 11 est nécessa‘re de calculer Jes charges liées aux déformations
(aF} - (A (a)

Les déformations. comme le montre I'équation@planche 6 dépendent des efforts
d'incidences. de braquage, de portance nulle et d'inerties Les charges iiées ala
soupiesse, c'est a dire les déformations sont calcylées pour un effet unitaire de chacun
de ces parametres. Par exemple pour I'effet d'incidence nous aurons

{AFQ =‘ [ ] B] lws"f—'

ACLu ‘

l.

Les charges souples peuvent étre présentées directement sous forme d'efforts tocaux
unitaires {AHAG\ ou sous 1a forme de portances et de foyers locaux

(voir planche 11)

La combinaison efforts avion rigide- efforts l1és aux déformations est faite au niveau
de I'établissement des efforts genéraux

3.4 - Divergence ges surfaces portantes

L'etude de 1a divergence des surfaces portantes est I'étude du comportement du cycle
Efforts —> déformations ~> efforts induits —> déformations >

Dans le cas ou ce comportement est divergent, les déformations {a} tendent vers I'infiny
D'apres I'équation de déformations :

(s} =081 [e) {F)

ceci se produit si [8] = [ (1 - ICI[A1 ] est singutiere Pour un nombre de Mach donné. 1a

recherche de Ja vitesse de divergence a I'aititude Z revient a déterminer la valeur de q =4 fV
qui rend la matrice {B) singuliere

35 - Lommentaires et remarques -

Dans 1'approche proposee pour la prise en compte des phénomenes aéroélastiques
statiques sous forme de coefficients aérodynamiques avion souple, les relations entre
deformations et efforts aérodynamiques 1nduits font appe) a des matrices de
roefficients aerodynamiques stationnaires [A) et une matrice de flexibilite {C)
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Hors une matrice de flexibilité est toujours associée a des conditions limitées (apputs,
encastrement).

Ceci peut laisser penser que les termes correctifs de souplesse mis en évidence dans
notre approche sont fonctions de ces conditions limites. |1 n'en est rien heureusement
(o

a) Comme nous 1'avons vu précédemment les effets de souplesses forment un systéme de
forces en équilibre, donc les réactions aux appuis sont nulles

D) Les déformations 3 considérer sont celles par rapport a I'avion rigide ramené a son
centre de gravite.

De la remarque a) i1 ressort que la forme avion est indépendante des apputs et la
remarque b) demande que cette forme soit définie par rapport au centre de gravité avion.

Cecl est visualisé planche 13

Sous I'effet du systéme de forces f, f et F = 2 f 1a forme avion est identique soit
encastrée au CG (appuis A1) ou appuyée en extrémités de votlure (appuls A2) (remarque
a)

Laremarque b, c'est-a-dire déformées par rapport au centre de gravité nécessite de ne
pas utiliser brutalement les matrices de flexibilité En effet, une matrice de flexiblilité
donne des déformations par rapport aux appuis (C1 pour 1a condition d'apput A1, C2 pour
Ja condition A2). Ceci conduirait donc a des termes correctifs A'C, et A'Cz
différents. Par contre. si I'on respecte 1a remarque b) dans le cas A2, C'est 4 dire si I'on
évalue 1a déformée par rapport au CG soit C'2 qui est alors égale a C1, nous obtenons les
mémes termes correctifs. a’c) = ac,

En conséquence, st nous voullons étre rigoureux. Nous aurtons une matrice de flexibiiite
par configuration massique.

En fait, afin de ne pas trop pénaliser le volume des calculs et compte tenu des rigidités
mises en jeux au niveau de 1a jonction voilure-fuselage, nous considérons qu'une seule
matrice de flexibilité [CJ calculée directement avec des appuis aux intersections de la
nervure d'emplanture et des longerons avant et arriére est tout 3 fait acceptable et
justifiable.

4 - EEFICACITE DES GOUVERNES EN AVION SOUPLE -
4.1 - importance e 'effet de souplesse (P! 15)

L'effet de souplesse se traduit par une modification de V'efficacité rigide des gouvernes.
Dans le cas d'une atle en fléche arriere équipée d'ailerons en extrémités, 1) apparait une
perte d'efficacité qui peut alier jusqua Vinversion.

Traditionnellement les effets de la souplesse associés au braguage des gouvernes sont
donnes sous forme de rendements aéroélastiques % qui sont le rapport entre
Vefficacite gouverne en avion souple et I'efficacité gouverne en avion rigide.




Par exemple pour le gradient au moment de roulis 11é au braquage des ailerons nous

avons $ .
- _?{1!;_ A SONDIONIGTE

7Cl.$’ = ?c“ s ?liz.

WP 7"

La connaissance de tels parameétres est donc trés importante pour -

- 1a définition des gouvernes : . emplacement
. géométrie

- le choix des fonctions des gouvernes pour
qualités de vol
contréle des charges

- le dimensionnement avion (rigidités)

42 - gfficacité des ailerons externes AJ00 B

Afin @'illustrer I'impact réel de 1'aéroélasticité statique nous présentons ci-aprés les
résyltats d'études et dessais en vol effectués sur 'A300 B concernant 1a vitesse
dinversion des ailerons externes

421 - Calcyls avant vol : (planche 16)

L'A300 B est équipé d'ailerons externes et d'atlerons internes Les ailerons internes sont
utilisés dans tout le domaine de vol et sont donc appelés ailerons toutes vitesses Les
ailerons externes ne sont utilises qu'a basses vitesses et sont appeiés ailerons basses
vitesses. (115 sont vérouiliés en position neutre lorsque M < 0.6)

Dans notre étude nous nous INteressons a une commande en roulis particuliére assuree
par les seuls ailerons externes et ce méme a grande vitesse (Ailerons internes et
sporlers inhibés)

En considérant une manoeuvre de roulis simplifige (ou manoeuvre a | degré de hberté)
dont I'éguation en avion souple s'ecrit

1a vitesse de roulis stabilisée est proportionnelie au gradient en moment de roulis i1é au

braquage atlerons .

R
pld P
——— K e

5 Deesp oI

Sur 1a base de cette approche simplifiée la vitesse d'inversion en roulis. c'est 3 dire

vitesse avion 2 laquelle 1a vitesse de roulis stabilisée est nulle (ps =0), est égale 3 la
vitesse de rendement enmoment de roulis des atlerons nul  ( ?ce 3" 0. )

Pour les ailerons externes A300 B a M = 0.85 Ja vitesse de rendement nul calculée est de
V = 426 kts CAS

v o e e - —
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4.2 2 - E5sals en vol (planche 17)

Une campagne d'essais en vol a été effectuée sur 'A300B N*3 avec une commande de
roulis assurée par les seuls ailerons externes. Les manoeuvres de roulis stabilisées ont
été réalisées aM = 0,85 a différentes vitesses pour un braquage des aiierons externes
identique en amplitude

Les résultats sont donnés planche 17

a V=385 kts 1a vitesse de roulis stabilisée est d'environ 2°s/s

4V = 403 kis elle est pratiquement nulle (assiette latérale e voisine de 0)
aV = 420 kts elle est inversée et d'environ - 2°/s

4.2.3 - Comparaison calculs/essals : (planche 18)

(3
Les essais en vol donnent une vitesse d'inversion en rouhis Vpaa =400 kts CAS alors
qu'un calcut sur 1a base d'une équation simplifiée donne V;“ = 426 kts CAS
Dans ce cas simplifié 1a vitesse d'inversion en vitesse de roulis est identifiée 3 une
vitesse d'inversion en moment de roulis des ailerons. St nous considérons une approche
un peu plus fouiliée, i} ressort que 1a vitesse de roulis Po obtenue dans les 10 premiéres
secondes aprés un échelon de gauchissement Sp est donnée, en moyenne. par 1a relation

s s s 3

s s P. = s s .YSP
C"P C'P Chir Cu(i L

Les simulations effectuées avec une commande des ailerons externes identique a cetle

des vols conduisent aux vitesses de roulis données planche 18 On notera gue dans ces

conditions la vitesse d'inversion en vitesse de roulis trouvée par le calcul est alors de
= 408 kts

La différence avec la valeur calculée a I'aide de ia manoeuvre simplifiée est
principalement due au rdle important du tacet inverse induit par I'aileron
( C's‘ 1 ).

La comparaison calculs/essais est alors trés bonne. Remarguons qu'il est aussi possible
de calculer 1a vitesse d'inversion en roulis en recherchant la vitesse qui annule le
déterminant de 1a matrice

s S
ct ‘5’, ct P
$ s
¢ [ ir C " 15
5 - OPTIMISATION AEROELASTIQUE :
Comme nous venons de Je volr les conséquences des effets aéroélastiques statiques
peuvent conduire a des situations inacceptables vis 8 vis du régiement 2 satisfaire (pas

d'inversion de commande pour des vitesses inférieures a VD + 20% dans les cas sans
panne)

¢ e Lt PSR —
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Aussi 1] est primordial d'évaluer ces effets tres tdt afin de pouvoir mettre en oeuvre des
modifications pour améliorer 1a situation si nécessaire

Dans ce dernier cas, les modifications a proposer doivent conduire 3 une pénalite
massigue minimum en jouant a ia fois sur une meilleure répartition de 1a masse
travaiilante d'origine et sur une minimisation de la masse structurale associée aux
renforcements

Pour atteindre ces objectifs. I'Aérospatiale a introduit des critéres d'aéroélasticite
statique (principalement le rendement gouverne) dans le processus d'optimisation
statique développé dans le cadre de son propre code de calcul structure par éléments
finis ASELF.

L'intégration des critéres d'aéroélasticité s'est faite sur le principe de V'architecture
générale existante du code d'optimisation statigue. En effet. comme pour les contraintes
statiques, les critéres aéroélastiques statiques n'ont pas de formulation explicite en
fonction des parametres d'optimisation

i1 a donc fallu déterminer un mode dévaluation approché relatif g ces critéres,
moyennant des recalages ou réanalyses a periodicité appropriée

L'ensemble des contraintes statiques et aéroélastiques est pris en compte au sein du
module de recherche de 1'optimum.
Ceci s'effectue en deux étapes :

- formulation et acquisition des jrandeurs aér~élastiques
- formulation de ce nouveau type de contraintes au sein du processus d'optimisaiton

Pour cette deuxiéme étape, c'est 4 dire exprimer quantitativement les critéres et
contraintes aéroélastiques en fonction des paramétres de conception, une approche
Vinéaire par développement de Taylor du premier ordre est utilisée, comme pour les
contraintes statiques.

Des considérations de formylation, de tailles des problémes matriciels 3 résoudre. des
Interfaces entre grilies, nous ont conduit a abandonner 1'utilisation de matrices de
flexibilité pour le caicul des déformations

Celles ci sont exprimées sous forme d'une combinaison }inéaire de déformeées de base
analytiques. Cecl a également I'avantage de conduire a une formulation purement
géomeétrique permettant de ne calculer qu'une seule fois les coefficients
aérodynamiques relatifs a ces déformées de base

Compte tenu de cette intégration dans le processus d'optimisation statique. les criteres
daéroélasticité et leur sensibilité en fonction des paramétres sont traités
automatiquement par e processus général ainsi que leur réactualisation en focntion du
redimensionnement itératif de la structure.

Avec cette approche 1a convergence vers 1a solution optimale est obtenue en quatre  six

réanalyses éiéments finis avec un coUt informatique du module d'optimisation tout a
fait négligeable

e o, A
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6 - CONCLUSION :

A travers cette revye des phénomenes aéroélastiques statiques affectant les avions
modernes de transport nous avons mis en évidence leur importance tant au niveau de 1a

conception qu'au niveau de 1a justification.

11 en ressort qu'il est absolument nécessaire de disposer “doutiis™ de calcul appropriés
et fiables.

Par ailleurs, si 1'on veut pouvoir étre efficace, il faut qu'ils sofentt utilisables deés ia
phase de pré-dimensionnement.

Ceci veut dire, que si I'on veut étre PERFORMANT, pour rester dans le challenge évoqué au
début de ce document, 1] est indispensable d'associer étroitement, I'AEROELASTICITE
STATIQUE aux premiéres phases de CONCEPTION d'un avion.
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SUMMARY

It is well known that wings with supercritical airfoils generally have lower transonic
flutter speeds than similar wings with conventional airfoils and that small increases
in angle of attack from zero and the accompanying static aeroelastic deformations have
further detrimental cffects on transonic flutter. This paper presents the results of
an effort to calculate the effects of angle of attack and the associated aeroelastic
deformation on the flutter of a highly swept supercritical wing (TF-8A) by use of the
modified strip analysis employed in previous studies of this wing. The spanwise
distributions of steady-state section lift-curve slope and aerodynamic center required
as input for these calculations were obtained from static aeroelastic calculations for
the wing by use of the FL022 transonic code and an assumed dynamic pressure. The
process is fterative so that flutter can be obtained at the same dynamic pressure as
that used to calculate the statically deformed shape and loading about which the
flutter oscillation occurs (matched conditions)., The results of this investigation
show that the unconventional backward turn of the transonic dip in the experimental
flutter boundary for angles of attack greater than zero is caused by variations in
mass ratio and not by static aeroelastic deformation, although inclusion of the tatter
appears to be required for quantitative accuracy in the calcvlations. For the very
high subsonic Mach numbers of this investigation, however, quantitative accuracy will
also require inclusion of viscous effects on shock strength and location.

SYMBOLS

ac.n nondimensional distance from midchord to section aerodynamic center
measured perpendicular to elastic axis, positive rearward, fraction of
semichord

b semichord of wing measured perpendicular to elastic axis at station n

by semichord of wing at spanwise reference station (n = 0.75)

CLy wing 1ift coefficient at a=0

CLu wing 1ift-curve slope

Cy section 1ift coefficient for a section perpendicular to elastic axis

Clq,n section Yift-curve slope for a section perpendicular to elastic axis

Cm section-pitching moment coefficient referred to midchord for a section
perpendicular to elastic axis

k reduced frequency, bpuw/Vcosag,

M freestream Mach number

mp mass of wing per unit span at spanwise reference station (n = 0.75)

q freestream dynamic pressure

¥ freestream speed

vI flutter-speed index, 573%7::

a angle of attack at wing root

n nondimensional coordinate measured from wing root along elastic axis,
fraction of elastic axis length

Nea sweep angle of elastic axis




mass ratio based on spanwise reference station (n = 0.75}, mr/nph%

Hp

0 freestream density

w circular frequency of vibration

wp refevence freguency, froguency of firgt torcicnal mode of wing
INTRODUCTION

It is well known that the use of supercritical airfoils, rather than conventional
airfoils, can have adverse effects on the transonic flutter characteristics of lifting
surfaces., The effects include reduction of transonic flutter speeds (refs. 1 to 3) and
increased rate of degradation of flutter speed with smal) increases in angle of attack
(refs. 4 and 5). In order to gain insight into these deleterious effects and the
physical phenomena involved, a computational flutter study was conducted half a dozen
years ago for a flutter model of the supercritical wing of the TF-8A airplane {fig.

1). Since adequate aerodynamic theories for three-dimersiona) unsteady transonic flow
were not available, the modified strip analysis (refs. 6 to 12) was used. Spanwise
distributions of steady-state section lift-curve slope and aerodynamic center, required
as input to the flutter calculations, were obtained from wind-tunne) pressure
measurements on another model of the same airplane.

The calculated fiutter results compared well with experiments for C% and 10 angles

of attack but did not reproduce the drastic decline in transonic flutter speeds shown
by the experiments at 29 and 3% angles of attack (ref. 5}. The trends seemed to
indicate, however, that the latter discrepancy was caused at least to some extent by
the fact that the pressure model, from which the aerodynamic inputs were obtained, was
two orders of magnitude stiffer than the flutter model and hence deformed statically
much less than the flutter model.

The present investigation was initiated to address that problem. The same methodology
is used except that the spanwise distributions of section lift-curve siope and
aerodynamic center are obtained from static aercelastic calculations for the flutter
model employing the FLO2Z full-potential code (ref. 13). Dyramic pressure is iterated
between the aeroelastic calculation and the flutter calcutation in order to obtain
flutter at the same dynamic pressure as that used to calculate the static deformation
and loading. The objective of this investigation is not to develop new methodology but
to study the physical phenomena involved.

FLUTTER ANALYSIS METHOD

The modified strip analysis (ref. 6) is formulated for wing strips oriented normal to
the elastic axis and is based on stripwise application of Theodorsen-type aerodynamics
(ref. 14) in which the lift-curve slope of 2n and aerodynamic center at quarter chord
are replaced, respectively, by the lift-curve slope and aerodynamic center for the same
strip of the three-dimensional wing at the appropriate Mach number and angle of

attack. The downwash collocation point, where the downwash induced by the aerodynamic
Toad is set equal to the kinematic downwash, is modified accordingly. The aerodynamic
admittance function (circulation function) is modified for compressibility by use of
two-dimensional unsteady compressible-flow theory (ref. 15).

The simpie example of section 1ift L on an unswept wing can be used to illustrate the
changes to Theodorsen aerodynamics that are involved in the modified strip analysis.

for a three-dimensional wing in compressible steady flow, the section 1ift is given in
terms of the sectian lift-curve slope Cl and the static angle of attack z or

a,n
alternatively the downwash Q=aV.

N 2 R
L=c, na %v (2b) = <, o ¥bQ

a, a,n

For two-dimensional incompressible oscillatory flow, the section 1ift as given by
Theodorsen can be expressed in similar form.

L = 2npV¥bQC + noncirculatory terms

Now, however, the lift-curve slope for two-dimensional incompressible flow is 2+, and
the circulatory 1ift is multiplied by an aerodynamic admittance function (circulation
function) C(k}=Fp + iGy. The downwash Q is the unsteady =ownwash evaluated at the
three-quarter-chord pofnt which ts the collocation point for induced and kinematic
downwash in two-dimensional incompressible flow. Noncirculatory lift terms which have
no counterpart for steady flow are also included.

For three-dimensional compressible oscillatory flow, the Theodorsen form of the
expression is retained for the modified strip analysis

L= Cl pV¥bQC + noncirculatory terms
a,n




but with three modifications: (a) The lift-curve slope is no longer 2n but the value
for the particular section of the three-dimensional wing at the particular Mach number,
angle of attack, and other conditions being studied. (b) The downwash collocation
point is no longer at three-quarter chord but is relocated to satisfy the trailing-edge
condition for the particular section lift-curve slope and aerodynamic-center position
involved. (c) The cfrculation function for incompressible flow is modified in
wagniiude only to account for compressibility.

¢t S¢ e
Clk,M} = m (Fl + ‘JGI) - r} (FI + 16[)
1 1

where subscripts C and 1 indicate values for two-dimensional com_ressible and
incompressible flow, respectively. Similar modificatioas are also made, of course, in
the corresponding expressfion for section pitching moment (refs. 6 and 7). Note that no
arbitrary user-selected parameters are included in the expressions in order to improve
the agreement with experimental flutter data or with other calculations.

The modified strip analysis has consistently given good flutter results for a broad
range of swept and unswept wings at speeds up to hypersonic (ref. 7}, including effects
of wing thickness (refs. 9 and 10) and angle of attack (ref. 11). 1In particular, this
method which was developed in the mid 1950's {ref. 6) was used successfully in 1959 to
calculate transonic flutter characteristics for some swept wings with conventional
atrfoils (ref. 8). 1In 1979, it was used to calculate transonic flutter of the present
supercritical wing at essentially zero angle of attack with exceptionally good results
{ref. 3). That study was extended in 1980 to include nonzero angles of attack (ref.5}.

PREVIOUS FLUTTER CALCULATIONS FOR TF-8A WING

For txperiments in Freon-12

In the calculations for the TF-8A wing shown in figure 2 (from ref. 3], the required
aerodynamic parameters were obtained from steady-state surface pressure measurements in
the Langley B-foot Transonic Tunnel {ref. 16). 1In the subsonic range, agreement
between calculated and measured flutter boundaries is excellent. 1In the transonfic
range, a transonic dip is calculated which closely resembles the experimental one with
regard to both shape and depth. However, the calculated dip occurs at about 0.04 Mach
number lower than the experimental) one. The reason for this difference is not known
with certainty. There is some evidence, however, that indicates that the difference
may be associated with model size relative to tunnel dimensions. The pressure model
from which the aerodynamic coefficients were obtained for use in the flutter
calculations was smaller relative to tunnel size than was the flutter model.

Note also that the experimental flutter data in figure 2 as well as the aerodynamic
parameters used in the corresponding flutter calculations were obtained at essentially
zern angle of attack. Consequently, the associated static aerodynamic loads and
aer.elastic deformations were small and were not expected to influence flutter
characteristics to any significant extent.

The experimental flutter data shown in figure 2 were obtained with Freon-12* gas used
as test medium. Therefore, the associated values of mass ratio {fig. 3) were
relatively low.

For Experiments in Air

The good results shown in fiqure 2 (from ref. 3) encouraged an extension of the study
to examine the effects of angle of attack on flutter (ref. 5). The required

aerodynamic parameters Cza n(n) and a. "(n) were obtained from the same wind-tunnel

pressure data as before, and representative values are shown in figures 4 and 5.

Figure 4 shows representative spanwise distributions of section 1ift-curve slope and
aerodynamic center obtained from measured surface pressures at two subsonic Mach
numbers. Nonlinearity with respect to angle of attack is minor at Mach number 0.25 but
increases as Mach number rises to 0.80, especially in the aerodynamic center location.
Note that the TF-8A wing was designed for an unusually high drag-rise Mach number
(M=0.99).

As Mach number increases further, nonlinearity (as typified in fig. 5) becomes
substantial and portends growing sensftivity of flutter speed to changes in angle of
attack. Note, however, that the aerodynamic model on which the [ressures were measured
was two orders of magnitude stiffer than the flutter model in both bending and

torsion. Consequently, aeroelastic deformation of the aerodynamic model was small, and
the effects of angle of attack shown here are essentially aerodynamic (rather than
aercelastic) in origin.

* Freon is a registered trademark of E. 1. DuPont de Nemours Co., Inc.
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The corresponding flutter results for angles of attack from 0 deg to 3 deg are shown in
figures 6(a) to 6(d) (from ref. 5). Note that the mass-ratio values shown on the
figures for these experiments in air are considerably higher than those for the
experiments in Freon-12 which were shown in figures 2 and 3.

At each Mach number for which the aerodynamic experiments were conducted (ref. 16),
pressures on the wing surface were measured at two levels of freestream dynamic
pressure, and both were used in the flutter calculations of reference 5 as indicated by
the solid and dash lines in figures 6(a) to 6{d). Moreover, the Mach numbers for the
aerodynamic experiments did not coincide with the experimental flutter Mach numbers.
Therefore, no attempt was made to match experimental flutter conditions point for point
with respect to Mach number and mass ratio. Instead, the flutter calculations were
made only for the maximum and minimum experimental values of mass ratio at each angle
of attack.

For o = 0 (fig. 6(a)), static aeroelastic deformations of the flutter model! were not
significant, and the conventionally shaped experimental flutter boundary fis reasonably
well predicted by the calculated values which are about 6 percent conservative at M =
0.85 and a bit more so at the bottom of the transonic dip.

when a is increased to 1° (fig. 6{b)), the depth and location of the transonic dip
are still adequately predicted, but the unconventional backward tu-n of the
experimental boundary s not.

when o is further increased to 20 and 3% (figs. 6{c) and 6 (d}, respectively), the
backward turn of the experimental transonic flutter boundary becomes much more
pronounced, and the bottom of the dip obviously drops drastically although the actual
bottom is not defined by the available data points. The extent of this decline is not
adequately predicted by the calculations. There is some evidence to indicate, however,
that this discrepancy was caused at leust to some extent by the fact that the pressure
model, from which aerodynamic parameters were obtained for the filutter calculations,
did not deform aeroelastically nearly as much as the flutter model did. Hence the
aerodynamic parameters were not those relevant to the statically deformed wing shape
about which the experimental flutter motion occurred. See reference § for more
detailed discussion.

Experimental transonic flutter data for angles of attack up to 2.05 deg are presented
in reference 17 for a high-aspect-ratio supercritical wing with, however, lower sweep
angle and lower drag-rise Mach number than those for the TF-8A. The wing of reference
17 was provided some degree of flexibility in pitch, but the torsional stiffness of the
wing itself appears to have been sufficiently high to prevent twisting deformations of
significant magnitude. The measured transonic flutter boundary for that wing at 2.05
deg angle of attack is remarkably similar to the flutter boundary calculated for the
TF-8A wing at 2 deg angle of attack using aerodynamic parameters obtained with the
comparatively stiff pressure model of reference 16 {fig. 6(c)). The flutter boundaries
for both wings show a relatively broad conventional-looking initial transonic dip
followed by a steeper, narrower, deeper, and lower second dfp. Second dips of this
sort have been observed in wind-tunnel flutter-test results for other models under
?cnditions for which static aeroelastic deformations would be expected to be mimimal
e.g., ref. 18).

Finally, it is illuminating to examine the variation of mass ratio with Mach number for
the experimental flutter data shown in figures 6(a) to 6(c). On the curves of these
parameters (fig. 7) the only firm values are those represented by the symbols which
correspond to the "hard" flutter points in figures 6{(a) to 6(c). The curves faired
through the symbols in figure 7, however, are consistent with the curves faired through
the "hard” flutter points in figures 6{a) to 6(c).

For a = 0, the variation of mass ratio is moderate and of conventional form (compare
fig. 3). For a = 1 deg and especially for a = 2 deg, on the other hand, the deep
backward-turning transonic dips shown in figures 6(b) and 6(c) correspond to
substantial increases in mass ratio. These wide excursions in mass ratio indicate that
the experimental flutter boundaries follow substantially different tracks across the
flutter-speed surface (defined by Vi = f(M,u,)) for a = 0, 1, and 2 degrees. The

large values of mass ratio in themselves would produce low values of flutter-speed
index. This point will be addressed subsequently in this paper. See also the more
detailed discussion of the flutter-speed surface and the implications for flutter
experiments and data interpretation in Appendix C of reference 10 and in reference 12.

PRESENT ANALYSIS

The inadequacy of the available experimental aerodynamic data’ for application to
conditfons involving significant static aeroelastic deformation of the flutter mode)
led to the present study in which the required aerodynamic parameters were obtained
from static aeroelastic calculations (fig. 8) incorporating FLO22 aerodynamics (ref.
13)}. Pressure distributions were thus computed for the aerocelastically deformed wing
at a given Mach number, several angles of attack, and an initially chosen dynamic
pressure, Since experimental flutter data were available, the Mach numbers and dynamic
pressures were taken to be those for the measured flutter points. The calculated
pressures were fntegrated to generate spanwise distributions of section lift and
pitching-moment coefficients. These coefficients were then spline fitted as functions
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of angle of attack, and the spline curves were analytically differentiated to produce
section lift-curve slopes and moment-curve slopes (and hence aerodynamic centers) for
the angles of 1ttack at which the flutter data were measured. The spanwise
distributions of section Yift-curve slope and aerodynamic center were input to the
modified strip analysis to generate generalized aerodynamic forces for use in the FAST
flutter-analysis program (ref. 19). The resulting flutter dynamic pressure could then
be used to modify the dynamic pressure input to the static aeroelastic calculation and
the process fterated to produce flutter and static deformation (and associated pressure
distributions) for the same (matched) dynamic pressure.

The FLO22 finite-difference code (ref. 13) implements a nonconservation form of the
full potential equation. It was employed in this investigation because it had been
previously incorporated into a static aeroelastic analysis {ref. 20) and previously
used by the present first author in some unpublished calculations of the type presented
here but for a different supercritical wing.

RESULTS AND DISCUSSION

For all of the flutter calculations made with aerpdynamic parameters from FLO22, the
Mach number, angle of attack and mass ratio for the experimental flutter points were
essentially duplicated. As in reference 3 and 5, six measured natural modes of
vibration were used in all flutter calculatfons. In figs. 9 and 10, the results are
compared with the previously shown experimental flutter points and with the flutter
boundaries calculated with the experimental aerodynamic parameters described previously
{e.g., figs. 4 and 5; see also ref. 5). Note that the present calculations have been
limited to the subsonic side of the transonic dip. Investigation of the subsonic side
was considered to be sufficient to indicate the occurrence, character, and causes of
the backward-turning transonic dip.

Calculations for Design Shape of Wing

An initial set of aerodynamic (FL022) calculations was made for the wing deformed into
its design shape and treated as rigid. The spanwise distributions of section
lift-curve slope and aerodynamic center thus obtained were used in some initial flutter
calculations. The resulting nondimensional flutter speeds V; are represented by the
diamond symbols in figs. 9 and 10. For zero angle of attack {(fig. 9(a)), the
calculated flutter speeds are in good agreement with experiment and differ very little
from those obtained with the experimental aerodynamic parameters for (normally) the
design shape. At a = 1 deg (fig. 9(b)), .he agreement is again good at the lowest
experimental Mach number and mass ratio, but the calculated points become progressively
unconservative as mass ratio increases to 547. [t is important to note, however, that
the backward turn of the flutter boundary is clearly indicated by the three calculated
points, thus indicating that varying aeroelastic deformation is not essential to
produce this behavior. 1Instead, the backward turn shown here is caused by the
indicated variation in mass ratio. If the three calculated points are compared on the
basis of a constant mass ratio, say u, = 450. {results not shown), no backward turn
appears. Results that are gualitatively similar to those in fig. 9(b) for o« = 1 deg
are shown in fig. 9(c) for a = 2 deg.

These progressively more unconservative predictions of flutter-speed index as mass
ratio increases were anticipated from these caiculations in which static aeroelastic
deformation was neglected. Consider the experimental flutter boundary shown in figs.
9{c) and 10 for the flexible flutter model. As mass ratio increases, the flutter-speed
index (and hence flutter dynamic pressure) decrea:es. As dynamic pressure decreases,
static aeroelastic deformation (notably wing washout) diminishes, and section
1ift-curve slopes increase, especially over the outboard sections of the wing. As
section 1ift-curve slopes increase, flutter dynamic pressure and flutter-speed index
decrease. In other words, as mass ratio increases, diminishing static aeroelastic
deformation of the flutter model contributes to lower flutter-speed index, and that
effect is not included in the calculations for the rigid design shape (figs. 9(b) and
{c) and fig. 10). Moreover, static loads and deformations and their effects should
increase with increasing angle of attack, and the effects just described are indeed
observed in figs. 9{a), (b), and (c) to become more pronounced as angle of attack
increases. In fact, the effects of static defltection appear to be negligible at zero
angte of attack (fig. 9(a)).

In fig. 10 the experimental and calculated transonic dips in fig. 9{(c) have been
enlarged and the calculations extended to show the bottom portion of the dip which has
been calculated by use of the mass~ratio variation for a = 2 deg shown in fig. 7. The
latter, in turn, is consistent with the bottom portion of the dip faired through the
experimental fiutter points. These calculations for the rigid design shape show
clearly that the unconventional backward-turning transonic flutter boundary is caused
by varfation in mass ratio and not by static aeroelastic deformation. Accuracy in
predicting this kind of dip, however, does appear to require consideration of static
deformation.

Calculations for Flexible Wing

When the wing is treated as flexible in the static-aerocelastic portion of the
calculation procedure shown schematically in fig. 8, the "fnitial shape” input to the
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“aercelastic FLO22" {iterative calculation of pressures and deformations may be the
undeformed shape or, 1f available, a better approximation to the aeroelastically
converged shape. [f the latter is used, however, it is still necessary to input the
undeformed shape {"jig" shape) of the wing into “aeroelastic FL0O22" so that the
calculated deformations may be added to it in order to obtain the output deformed shape
and associated pressure distribution. Since jig-shape measurements for the TF-8A
flutter-model wing were not available, a jig shape was calculated by subtracting from
the design shape the deformations caused by the load distribution on the design shape
at the design condition (M = 0.99, ¢ = 0.37).

for the flexfble wing the experimental flutter dynamic pressure was input to the static
aeroelastic calculation (fig. 8), and a single pass was made through the computational
sequence. Although the outer g-loop has not been closed at this time, the accuracy of
the calculated results (triangle symbols in figs. 9(a) and (b)) is well indicated by
comparison of the calculated and experimental flutter points. Since the experimental
flutter dynamic pressure was fnput, perfect agreement between calculation and
experiment would be indicated by the same flutter dynamic pressure being calculated in
a single pass through the outer loop. It is evident in figs. 9(a) and (b), however,
that the inclusion of structural flexibility in combination with FLO22 leads to
excessively high flutter speeds. This result was not unanticipated.

For the higher Mach numbers and higher loading conditfons potential-~flow methods,
inclyding FLO22, characteristically produce shockwaves that are tao strong and too far
aft. Moreover, once the shock has moved aft, it exhibits very little further movement
with changes in angte of attack or defoarmation and hence generates little further
change In section lift-curve slopes and aerodynamic centers. Thus, for example, in the
present calculations of loading (and hence deformation) at the design condition (M =
0.99, CL = 0.37), calculated CL was considerably higher and CL was considerably

3
lower than corresponding experimental values {(from ref. 16). These aerodynamic
deficiencies raise doubts concerning the accuracy of the calculated jig shape. 1In
addition, the low values of calculated lift-curve slopes also contribute to the
excesfvely high calculated flutter speeds shown in figs. 9(a) and (b).

In contrast, the wing in a physical (viscous) flow will experience shocks that are
weaker and farther forward. Consequently, as flutter dynamic pressure decreases into
the transonic dip, the flexible wing deforms less and less, the outer wing sections
assume higher local angles of attack, as previously described, shocks strengthen and
migrate aft, and the effective section 1ift-curve slopes increase. This effect cf
diminishing deformation thus contributes to a still lower flutter dynamic pressure.
Since this behavior is not accurately obtained from FLO22, it is evident that, as
expected, accurate flutter prediction will require the inclusion of viscous effects on
shock strength and location. Static aercelastic and flutter calculations are in
progress with the FL022 code replaced by the FLO30 code {full-potential,
conservation-form, finite-volume code) (ref. 21), including a coupled boundary-layer
code (ref. 22) in order to address the current deficiencies.

CONCLUDING REMARKS

Modified-strip-analysis flutter calculations have been made for a supercritical wing
with nigh design Mach number using aerodynamic parameters obtained from the FLO22
full-potential-flow code for the design shape {(rigid) and for the aeroelastically
deformed wing at approximately the flutter dynamic pressure. The unconventional
backward turn of the transonic flutter boundary found experimentally at nonzero angles
of attack was also calculated with aerodynamic parameters for the rigid design shape
and was shown to be caused by varfations in mass ratio. Quantitative accuracy in
predicting this kind of transonfc dip, however, appears to require consideration of

st. tic aeroelastic deformation. Inadequacies of the full-potential code at the high
subsonic Mach numbers involved led to excessively high calculated flutter speeds for
the flexible wing resulting from (1) poor definition of jig shape from the design
shape, and (2) low values of section lift-curve slopes and aftward locations of section
aerodynamic centers (relative to experiments} cau-red by excessively aftward shock
locations that changed little with changes in angie of attack. The present methodology
is valid, but accurate flutter predictions will require the inclusion of viscous
effects on shock strength and location, at least for the wing used in this study. Such
calculations are in progress.
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SECTION A-A
(ENLARGED)

Fig. 1 - Supercritical wing flutter model
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WING DIVERGENCE OF TRIMMED AIRCRAFT

Ll. T. Niblett
Royal Aircraft Establishment,
Farnborough, Hants, GU14 6TD, England

SUMMARY

By means of a simple theoretical model it is shown that wing divergence of a free
aircraft can be defined using the static case of trimmed level flight. The same model
also shows that the control angle per 'g' goes to zero at a speed near the fixed-root
divergence speed and that there is a large change in the spanwise distribution of airlcad
in going from a low speed to speeds above that of fixed-root divergence,.

LIST OF SYMBOLS

A,B,C square matrices defined in section 3.1

a, dCL/du for both wing and tailplane

b defined after Eq.{(2-10)

c wing chord

£ column matrix of generalised forces defined in section 3.1

GJ torsional rigidity of wing

~

semispan of wing
centrifugal acceleration %+ g

generalised coordinate of rotation of tailplane about its aerodynamic axis

q: generalised coordinate of heave of aircraft

qp generalised coordinate of pitch of aircraft

qt1 generalised coordinate of wing torsion in mode of [ixed-root divergence
qtz generalised coordinate of wing torsion in mode of free-free divergence
S wing area

St tailplane area

s ratioc of tailplane area to wing area

v airspeed

vD fixed-root divergence speed

w weight of aircraft

4 weight of wing as fraction of weight of aircraft

a nominal incidence of rigid aircraft for level flight, W/§oVZSa1
n scaled spanwise coordinate of wing

o scaled spanwise coordinate of tailplane

5Ac distance aerodynamic centre of wing is aft of aircraft cg

ch distance aerodynamic centre of tailpiane is aft oi aircratt cy
gac distance aerodynamic centre of winag is aft of wing flexural axis
£y¢ distance inertia axis of wing is aft of wing flexural

£ ratio of EA to £

[ air density

v airspeed as a fraction of fixed-root divergence speed

1 INTRODUCTION

Until serious consideration was given to sweptforward wings, little work had been
done on wing divergence recently for, with the coming of transonic flight, straight wings
were replaced by sweptback wings and these do not suffer from divergence because their
flexural distortion reduces the local incidence, especially towards the tip, and usually
this reduction dominates the destabilising effect of torsion. So most sweptback wings
have no (real) divergence speed and divergence was something read about in textbooks.

The local incidence of a sweptforward wing built of isotropic materials is increased
by the distortions in both flexure and torsion and c-nsequently the divergence speeds of
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such wings when their roots are encastered (FRDS} tend to be low. Divergence speeds can
be increased by the use of anisotropic materials, which give structures that twist under
flexural loads and vice versa, but present indications are that the divergence spead of

a sweptforward wing is likely to be nearer flight speeds than is the case for other wings
and, although not prohibitively low, might still be critical.

The practical significance of the FRDS can be called into question; for in trimmed
flight a wing will pitch as well as twist and bend, and will not suffer divergence until
it reaches a speed much higher than the FRDS. 1In the past it has been the practice to
keep aircraft speeds well below their FRDS, even though the root constraint seemed
unrealistic, on the grounds that the distortions of an aircraft at speeds near its FRDS
would be large. However because divergence speeds were very high this restriction did
not really matter. Now that there is a possibility that divergence speeds might be
significantly nearer flight speeds, the simple calculations described here have been made
to obtain some measure of the aeroelastic effects which are likely to accompany free

flight near the FRDS and to confirm or deny the need to retain this restriction.

The reason for the study is the current interest in aircraft with sweptforward wings
but the essentials of the phenomena are also exhibited by unswept wiugs and for simplicity
the rectangular unswept wing has been studied. 1In the absence of sweep the flexural flexi-~
bility of the wing can be ignored and the inclusion of a second torsion mode, appropriate
to free-free divergence, does not make the number of equations excessive. Rigid-body
degrees of freedom have to be added. It is quite common to add only the rigid body mode
of pitch about the aircraft cg in free-free divergence calculations but this seems unduly
restrictive and here heave and pitch, the rigid-body freedoms necessary to give the
equations describing an idealised pull-out were added. Some means of trimming the air-
craft had also to be included and for this a rectangular rigid tailplane mounted on the

rigid fuselage through a spanwise hinge at its gquarter chord was chosen.

Tn section 2 of the paper the equations describing an idealised trimmed pull-out, of
which level flight is a special case, are obtained by the principle of virtual work. Some
of the aerodynamic effects usually included in stability and control calculations have

been omitted but it is believed that they are of minor importance in the present context.

In section 3 these equations are solved for the symmetric free-free diveraence speed,
which has been taken to be the speed at which the amplitude< of the coordinates in the
trim equation become indeterminate, and for the rigid- and flexible-aircraft trim cases
in terms of tailplane angle per 'g'. At speeds near the FRDS the angle of pitch of the
aircraft is small and most of the lift is the result of torsional distortion and, prompted
by this, the changes in the flexural and torsional moment distributions with speed have
been calculated. Because the torsional moments could be calculated in two different ways

these calculations also provided a check on the adequacy of the semi-rigid representation,

Finally the results of all the calculations are discussed in section 4. It is con-
cluded from the sclutions of these eguations that ar 'unaugmented' aircraft flying at
speeds near the fixed-root divergence speed of its wing will suffer low values of control
angle per 'g' and further that the distribution of incidence across the wing will vary
considerably with speed.

2 FORMATION OF PULL-OUT EQUATION
2.1 Generalised coordinates

The egquations are those for an aircraft, consisting of a rectangular wing, a fuselage
and a rectangular tailplane (see Fig 1), at the bottom of a shallow pull-put. Both the
fuselage and the tailplane are rigid and they are included as a simple source of trimming
moment for the aircraft. Because the efficiency of the tailplane is not of interest, its
aerodynamics can lack detail; the lift slopes, dCL/dn ., are taken as identical for wina
and tailplane and the tailplane is unaffected by wing downwash. Alsoc the axes of rotation
and inertia and the aerodynamic axis of the tailplane are taken as coincident to avoid
complications of the equations that would have little effect on the final result. Further

———— e
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assumptions are that there are neither thrust nor drag forces on the aircraft and that the
momert coefficient of the wing is zero. Let the speed of the aircraft be Vv and the
radius of the pull-out be r . If the upward centrifugal acceleration of the aircraft is
ng , its nose-up pitching velocity is given by

ng
v

(2-1)

w

Take the generalised coordinates of the displacement of the aircraft tc be

qh - heave of the aircraft in wing chords

qp - pitch of the aircraft about its cg

qe - rotation of the tailplane about its aerodynamic axis

q - torsion of the wing about its flexural axis in the mode
1 appropriate to fixed-root divergence

q, - torsion of the wing about its flexural axis in the mode
2 appropriate to free-free divergence.

Take linear displacements as positive downwards and angular displacements as
positive nose up.

d¢, and de, - the wirg torsion coordinates, are the only coordinates which involve
the flexibility of the aircraft. The axes used are earth directed being fixed in orienta-
tion relative to the earth but moving relative to the earth with the speed of the aircraft.

2.2 Virtual work and strain energy

The upward lift on a small chordwise strip of the wing is

_ 2 : - . _
L, = dov Sa1(qp + sin dwn . qt1 + (1 cos nw)qtz)én , (2-2)

where ¢ 1is the density of the air, S is the area of the wina, a, is the dCL/du

of the wing and n is the scaled spanwise coordinate which is zero at the root and unity
at the tip of the wing. The lift due to the wing's velocity in pitch has been ignored.
sin $nn and 1 - cos nn are respectively the shape functions of the distortions at

fixed-root and free-free divergence of a uniform wing.

A virtual displacement of the aerodynamic centre of the wing can be written

sz = cliq, + gAqu + ga(sin drno 5qt1 + {1 - cos wriéqtz)f B (2-3)

where ¢ is the chord of the wing, c¢¢ is the distance the aerodynamic centre of the

A
wing is aft of the aircraft cg, and s is the distance the aerodynamic centre zf the

wing is aft of its flexural axis.

The upward lift on a small chordwise strip of the tailplane is
_ 2 cn 5 -
Ly = oV s,ra1(qp v+ QT?E)\F.T ; (2-4)

where ST is the area of the tailplane, a, is dCL/du . Chg is the distance the

aerodynamic centre of the tailplane is aft of the aircraft cg, np is the scaled spanwise
coordinate which is zero at the root and unity at the tip of the tailplane. The lift due
to the taiplane's velocity in pitch has been ignored but that due to its velocity in heave

is included.
A virtual displacement of the aerodynamic centre of the tailplane can be written
= 5 1 -
fzg cliqy, ETﬁqp) . (2~5)

The «~ork done by gravity and centrifugal force in a virtual displacement can be

written

1 1
Fé&q = (n + 1)cW 6qn + wgi(j sin §nn . dn . fq, + [ (1 - cos wn)dn . 5qt ) .
1 2
0 0

...... {2-6)
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where W is the weight of the aircraft, w 1is the weight of the wing as a fraction of
the weight of the aircraft and cgy is the distance aft from flexural axis to inertia
axis of the wing.

The increase in the strain energy of the wing due to virtual displacements in the

torsion modes is given by

1
2
BEéq = (%) GJS-1c f(COs gmn . qt1 + 2 sin mn qtz)(:os dvn . éqt1 + 2 sin nn . 6qt2)dn
0
...... (2-7)
For later convenience the substitution
2
2 _ L -1 _
- dovpsaE, = (7) GJS , (2-8)

is made. It will be shown later {(see Eq.(2~10)} that, when €a is negative, Vp is the
FRDS.

2.3 Assembled eguation

At equilibrium the total work done in a virtual displacement is equal to the increase

in the strain energy, ‘e

L8z, * Lpdzy + Esg = Fsg . (2-9)

(Note that in Egs.(2-2) and (2-3) etc the lift and linear displacement are positive in
opposite directions.)
The separate equations for the work done in the virtual displacements ﬁqh . 'q

<
6qt1 and 5qt2 , after evaluation of the integrals, give the matrix eguation

Tr 9 -
ipV25ca1 [ T+ s s ' 1 (2/= 11 qp = CcW [ n+ 1! -nb
Ep * SEp Stqp | ‘a e - Abip
e s+l 11 01 < 4 [um? oy <16 -2 il lg (n+ ) (2/mwg
a ' "a 3n t,' i
16, -2 -2 i
1 ] - §;(u - 1) 4., 3 9 tn *1)w;i
L 2
J L L
...... {2-10)
where s = ST/S ,
b = }psTca1£T(g/W) ,
v o= V/VD

The elements of the first row of the square matrix are the lifts on the aircraft
due to pitch, tailplane rotation and the two torsion modes. Those of the second row are
the moments of these lifts about the aircraft cg. The third and fourth rows give the
generalised aerodynamic forces on the wing due to pitch and the torsion modes - the force
due to tailplane rotation is zero in the last two rows.

The FRDS (qh = qp = 0) is the lower of the speeds at which the determinant of the
bottom right 2 x 2 matrix is zero. This is uv = 1 (V = VD) and the fundamental divergence
mode is that associated with deq o ie sin #nn . The highe~ value of v 1is 3.1 which
is quite a good approximation to the exact value of 3 corresponding to a mode of sin Fmn

3 SOLUTIONS OF PULL-OUT EQUATIONS
The first particular solution of Eg.{(2-10} is for the free-free divergence speed.
3.1 Free-free divergence speed

Eq.{(2-10) can be written




aqg = of ,
where & = W/§0V25a1 .
If g = B we can write
ABG = C§ (say) = &f
and if
B = 10 | {-1lr2s- 111 ]
-1 5_1 l 1
I
(o} I
L l J
from Egs (2-10) and (3-3)
c = [ fr 1 |
[0}
A o |
- 4 -
e fz o1 ) - [ -1 82 a2 - 1)|
4 -2 . -2 _
|| 1 | 7= (40 1) 4 1J

It can be seen from Eg.3-4) that the matrix C 1is sinoular when v =

—~—~————————— — - _
——————— ——

(3-1)

(3-2)

(3-3)

(3-4)

because

then its last column is null. Thus the free-free divergence speed is twice the FRDS.
54 is the generalised coordinate of the mode of diveraence and, from Eg.(3-3),

(qp,qe,qt1,qt2} = {—1,1,0,1)54

Thus at divergence the absolute incidence of the winco

is cos rn , that of the tailplane is zero and overall there is no lift on the aircraft.

There is another value of v for which C 1is singular (and for which the bottom
right submatrix of C 1is singular) which is 5.5, Not unexpectedly, this is not a good

approximation to an overtone divergence speed; the mode of overtone divergence is

cos 27r and the correct speed is four times che FRDS.

3.2 Rigid aircraft

We show that Eq.(2-10) gives the usual results for a rigid aircraft by putting Aty

and at, equal to zero. This reduces the equation to

1 + s s q = afn + 1 - nb

Ep * Séq Strl % - nbgy
If we premultiply Eq.(3-5) by Ep -1 and put EA/ET = § we get
0 1
1-% o fa ] afn + 1}
P
E + s s qu - nb
from which
. in + Yo
qp R

. [ty e s

sy = [ (1 - t) + nb ]° .

{(3-5}

(3-6)

(3-7)

Now £ + s (= (CA + SET)/ET) is the (scaled) cg margin of the ajrcraft and will be
positive if the aircraft is stable. 1 - T will also surely be positive and so the

P 7RG R

e —e . a La.et®
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tailplane angle, relative to the fuselage, will be negative in level flight and the
necessary negative angle will increase with increase of normal acceleration.

3.3 Distortions at fixed-root divergence speed

When the aircraft is flying at the FRDS Eq.(2-10) becomes

" 1 o+ s s | [+ 27 1] —qp- - E( n+1-~nb | . (3-8)
fat st Stp) | [fa 9 - nbéy
2/n & 0] ! 3} 0 qt1 (n + ‘)(2/w)w(£i/£a)
1 | 0 -3 qt4 L (n + 1)w(5i/sg
4 L P
From the third row of this matrix equation we have immediately that
1) aw ot 3-9
= + T -
qp (n aw £, ( )

Typical chordwise positions of the aerodynamic centre and inertia axis of the wing,
aft of its leading edge, are 25% and 45% respectively. The flexural axis is likely to
lie somewhere between 35% and 40% and so - gi/ga is likely to have a value in the ranae
0.3 to 1.0. The wing weight, w , will be of the order 0.1 and [ , which is the ratio
of the cg margin of the wing alone to that of the tail alone, will be small. Thus
w(gi/ga) will be negative and probably greater than -0.1. Hence the pitch angle will be
small and negative at the FRDS and this will be so whatever the value of n . The lift

on the wing will be due almost solely to the incidence in the torsional distortion mode.
From the third and fourth rows of Eq.(3-8)

q = 0 . (3-10)
2

Notice that Aty would not be zero were not the spanwise distributions of 1ift due

to pitch and weight identical, (at1p/at2p) = (ft1/ft2)

Making use of Eqgs.3-9) and (3-10) we can replace Eq.(3-8) by

] 1 s = 3 1" -nb| - |1 +s 3-1
[ qp an + qp ( )
1 i1 z/nJ g - nb £+ s
_ - _ nb _ .
= (n+ Na 1 T 1 s w(ﬁi/ea)_l
nb =
On premultiplication by -E 1 Egq. {3-11}) becomes

1 -1

(1-5)[5 q = (n+ NEl-F - 41-2)( nb +sw;—j) . (3-12)

p

2/rJ 4, 1= w2

The w(gi/aa) term, present in the above equations, brings the effect of the weight
of the wing and the position of the inertia axis into account. In the determination of
the FRDS the only loading on the wing is the aerodynamic moment about the flexural axis.
But in the present case the wing is also loaded by its inertia under normal acceleration
and if the inertia axis is downwind of the flexural axis (.‘;i > 0), as is usually the case,
this loading will augment the distortion due to the aerodynamic force, increasing the lift




still further. To counteract this extra lift the aircraft will fly in a pitched-down
attitude at the FRDS (see Eq.(3-9)}, remembering £, < 0 ).

If the wing is light and near to being mass-balanced about its flexural axis the
effect will be small and hereinafter, in the interest of simplicity, it will be taken to
be negligible so that Eq.(3-9) is replaced by

qp = 0 (3-13)
and Eq. (3-8} by
- nb

“ - E)[; a, = dnx Mal-E - 0 -

(3-14)

3.4 Tailplane angle per ‘g’

The tailplane angle per 'g' at the FRDS can be derived by the differentiation of
Eg.(3-14) with respect to n and is given by

- fa - -
s(1 - 5)(755) = - 3L+ (1 - Db} , (3-15
D

which can be compared with the tailplane angle per '¢' for an identical but ricid aircraft

derived from Eq. (3-7) as

_ {4 - -
sl - g)(—52> = -&ls+ T+ (1- Db} . (3-16}
dn
4]
Thus the fractional reduction in tailplane anale per 'a' in going from low speeds
to the FRDS is {1 s (E+ (1= E;b)/s} . b (Eq.(2=10}) will be small when the mass
density ratio (pgSc/W) , the tail volume (SET) and 31 are small, E will be small

when the tail-off cg margin is small. Thus it is likely that the tailplane angle per ‘'a'
is small at the FRDS. Evaluations have been made of the speed at which this derivative
becomes zero for a number of recent aircraft without wing-mounted engines and it has been
found that it varies between 95% and 115% of the FRDS. 1t therefore appears that an air-
craft flying near its FRDS will be very sensitive to tailplane angle.

3.5 Torsional and flexural moments

The spanwise torsional moment distribution can be obtained both from the external
loads and from the internal forces. Because the solution is not generally exact, these
two distributions will not generally be identical; but if they are identical then the
solution is exact for that particular case. Generally the distribution given by the
external loads will be the more accurate because it depends on the integral of the shape
of the total-incidence mode rather than the first derivative of the shape of the torsion
mode.

The incidence of the wing at the FRDS is (n/2) sin 4wn times what it would be were
the wing rigid and the incidence constant. The local torsional moment on a rigid wina
varies as 1 - n whilst that at the FRDS varies as cos i+ . Thus the torsional moment
on a flexible wing will be greater than that on a rigid wing over the whole span. The
spanwise variations of torsional moment have been calculated for a number of airspeeds and
are compared for a number of values of u2 up to 2 in Fig 2. The exact torsional moment
at the wing root is determined solely by the total wing lift and the distance between the
flexural and aerodynamic axes and the factor used in normalising the moments is such that
this root value is unity. The proportional increase in torsional moment over that experi-
enced by a rigid wing is greater over the outboard part of the wing. It is 50% greater
over most of the outer half at the FRDS and 100% greater over most of the outer third when
the speed is 224% higher. The differences between the moments evaluated by the two methods
were never greater than a few per cent and, in particular, the moments for the FRDS are
exact.




The spanwise flexural-moment distribution can only be obtained from the external
loads because the wing has been taken to be rigid in bending. It is given by integrating
the shearing force distributions which are identical to the torsional moment distributions.
Hence the bending moment on a rigid wing varies as §(1 - n)2 whilst that on a wing at
its FRDS varies as (2/v) (1 - sin }nmn) . As was the case for the torsional moment the
bending moment on a flexible wing is greater than that on a rigid wing over the whole
span. The percentage increases in the local bending moment due to flexibility have been
calculated for a range of speeds, with w zero, and are given for values of up to
2 in Fig 3.

Again the greater increases are over the outboard part of the wing. They are much
the same as those for the torsion moment - about 50% at the FRDS and 100% at a speed
229% above. 1In this case however the root moment is alsc increased by 27% and 49%

respectively.
4 CONCLUDING REMARKS

The effects of wing torsional flexibility on a number of aircraft characteristics
have been studied with the aim of examining the significance of the FRDS. Although a
simplified model has been used, the nature of the results is such that are relevant to

the practical case.

A study of the conditions in trimmed and level flight, which is a special case of
the pull-out, shows that the aircraft will become unstable near the FRDS. It appears
that, in practice, the instability often takes the form of an unstable short-period
oscillation at a speed some way below the FRDsz_q. The probability that the oscillation
can be stabilised by the fitting of a stability augmentation system working through the
controls is thought not to be of crucial significance because flight at speeds near the

FRDS will be discouraged for other reasons.

It can be shown that the tailplane angle per 'g' will be zero at a speed close to
the FRDS where extra wing lift can be obtained simply by increasinag the amplitude of
the wing torsion mode without altering the trim of the aircraft. Also there is a speed,
which is just below the FRDS, at which all the wing incidence is due to distortion of the
wing, the aircraft does not pitcb as a whole and so there is no common component in the
wing and tailplane incidences. Above this speed the rigid-body pitch component of the
incidence will be nose down., At speeds above the zero-pitch speed the direction of the
lift over the inboard part of the wing is downwards and the lift over the outboard part
has to be large enough to counteract this as well as to sustain the weight of the air-
craft. The increases in torsional and flexural moments caused by these changes in span-
wise loading distribution due to torsional distortion are probably of some practical
importance. The increases in the moments over the outer portions of the wina are the
greater and are of the order of 50% at the FRDS, 100% at 22%% above the FRDS and almost
200% at 40% above whilst keing less than 25% at 70% of the FRDS.

From the above it appears that the problems of flight of a loaded aircraft at
speeds near its FRDS are not limited to the destabilisation of the 'rigid-body' short-
period oscillation which can be counteracted by feedback to control surfaces. The span-
wise variation of incidence over the wing will be very different at low and high speeds.
At its simplest, for a wing with no inbuilt twist, the incidence will nearly all be due
to pitch alone at low speeds but near the FRDS it will nearly all be due to the mode of
fixed-root divergence. This means an increase in the bending moment at the root by about
a quarter of the rigid-wing value rising to a half outboard. Twist can be built into the
wing but the change in twist between low and high speeds will always be present.




X

REFERENCES

1

G. Hancock, "Static aeroelasticity ~ a reappraisal”, AIAA Symposium on Structural
Dynamics and Aerocelasticity, Boston, Mass., 1965

M.H. shirk, T.J. Hertz, T.A. Weisshaar, "Aeroelastic tailoring - Theory, practice,
promise", J. Aircraft, 23, 6-18, 1985

G.D. Miller, J.H. Wykes, M.J. Bresnan, "Rigid body structural mode coupling on a
forward swept wing aircraft", J. Aircraft, 20, 8, 696-702, 1983

M.G. Gilbert, D.K. Schmidt, T.A. Weisshaar, "Quadratic synthesis of integrated

aeroelastic controls for aeroelastic forward swept wing aircraft”, AIAA Paper 82-1544,
1982

1%

v Overall cg | m
— —- t i
| c il
! Tailplane
| aero
taxis etc
EAC Wing |
aero axis |
£,C 4

2

Fig | Geometry and generalised coordinates

Torsional moment

Root Tip

Fig 2 Spanwise variation of torsional moment

200%/

1

100%, v?

Increase in bending moment

Root : Tip

Fig 3 Spanwise variation of increase in bending moment




L

THE USE OF AEROELASTIC WIND TUNNEL MODELS TO PROVE STRUCTURAL DESIGN

by

H. HOENLINGER
J. SCHWEIGER

MESSERSCHMITT-BOELK OW-BLOHM GmbH.

Helicopter and Airplane Division

P.O. Box 80 11 60, 8000 Munich 80
W.-Germany

and

G. SCHEWE

Deutsche Forschungs- und Versuchsanstalt
fuer Luft- und Raumfahrt
- Institut fuer Aeroelastik -

Bunsenstr. 10, 3400 Goettingen, W.-Germany

SUMMARY

In a wind tunnel study on an aeroelastic carbon fiber fin/rudder model it is demonstrated how
structural design methods can be checked by experiment, beginning already in an early stage of the design
Emphasis was put on the static aeroelastic investigations, which become more important in high
performance A/C design.

Transonic measurements with a rigid balance based on piezo force transducers and an opto-electronic
deformation measurement method were successfully performed. It was tried to evaluate rudder efficiencies
from these aeroelastic measurements. A non-linear behaviour of the rudder based on geometrical coupling with
the fin box played an important roll in the test evaluation.

1. INTRODUCTION

Composite materials associated with structural optimization programs enable the designer to tailor air-
cral't structures according to static aeroelastic and flutter requirements in addition to the classical weight
and stress constraints. An optimization with many constraints, however, makes the design process very complex.
In order to avoid mistakes in this difficuit design process the structural methods have to be proved succes-
sively beginning from early development stage by experiments. The classical means for this investigations are
models and wind tunnel testing. But the more sophisticated design methods are applied now, the more refined
models and experiments are required.

2. DESIGN PHILOSOPHY FOR AEROELASTIC MODELS
2.1 Similarity Laws

Opposite to aerodynamic wind tunnel models, which simulate only the geometry of the airplane aeroelastic
models have also to represent the airplane dynamics in flight. For this the stiffness distribution of the mode!
structure and its masses distribution must be similar to the airplane. The aerodynamic loads on the mode! were
simulated by the flow in the wind tunnel.The only difference between the model in the wind tunnel and the fly-
ing aircraft are scale factors (Fig. 2), which have to fulfill the following similarity laws:

Newton's similarity law for the mass forces

Cauchy's similarity law for the stiffness forces

Froude's similarity law for the gravity forces

Mach's similarity law for the compressibility of the test fluid
Reynolds* similarity law for the viscosity of the test fluid

The fact that aeroelastic models normally are tested in a wind tunnel limits the validity of the model
test resuits. The physics of the flow in the wind tunnel are different from those of the free atmosphere were
the A/C is flying. Due to limitations (power, cooling system ect.) the wind tunnel can only partially simulate
the atmospheric conditions of the flight envelope of the A/C.

As far as the fulfilling of the Reynolds similarity is concerned, aeroelastic models have the same
problems as aerodynamic models.




22 Mode! Layout and Scaling

The mare similarity laws that have to be met by a model, the less free selectable scale factors exist.
Ihis in turn complicates the design and the manufacturing of the mode!l. Therefore it is wise to design
specialized aeroelastic models, which represent just those parameters of the A/C similar, which are of interest
for the investigation. Concerning test velocity one can distinguish between low- and high speed models. For low
speed models the Mach simifarity can be neglected because compressibility effects are not of interest.
Concerning time dimension one can distinguish between static aeroelastic models and flutter models. Static
aeroetastic models are stiffness scaled models. The mass scaling can be neglected because only steady and
Jquasisteady effects will be investigated with this type of models. This simplification, however, offers new
aeroelastic testing capabilities. Because the mass scale can be neglected to same extent the model can be
equipped with more transducers. This makes it possible to measure directly the elastified steady and unsteady
pressure distributions. Conventional aerodynamic pressure ploting models are assumed to be rigid and the
measured aerodynamics must be elastified by theory. Also efficiency tests are possible with stiffness scaled
mudels

Fhe classical aeroelastic model, which is the flutter model, cannot be used for this 1est because too many
~ensor installations would cause mass problems. A mode! structure cannot be built as efficient as a real A C
structure and normally it is difficult to fulfill the mass similarity. Therefore the “payload” of a dynamically
sealed model is often very small,

I'or the selection of the length scale there are no general rules, but many restrictions are given by the
wind tunnel (bluckage, dynamic pressure), the manufacturing,the material, and the model suspension. The
ahing of aeroelastic models is an iterativ process, that needs some shill and experience.

3 Avroclastic Models of Optimized Composite Structures

Concerning similarity laws there are no differences between models of conventional metatlic
structures and composite material structures. If a model simulates the stiffness distribution of a composite
material structure, the representation of the anisotropic character of the material is already included. But
this is not definite encugh for the check of optimization parameters tike main fiber direction and composition
J the lamiaate. Therefore it is best in our opinion to build the models with replica laminates of the A C
“ructure. This, however, will not be possible for all details of the A/C structure but having selected a
reasonable length scale, there should be always a possibility to build a replica of the main carrying structure
it least

In addition this design philosophy also offers the possibility to detect fabrication problems in advance.
because these models have to be built already in the predevelopment phase

24 An Example for a Carbon Fiber Model Design

For a transonic aeroelastic wind tunnel study, carbon fiber models of an aeroelastically tailored fin and
rudider were designed and manufactured. According to the used optimization procedure, two different skins of the
fin box were fabricated. An example for the composition of the laminate and the fiber orientations, which are the
output of the optimization program is given in Fig. 4. To be able to build a replica of these skins, the length
seale and the design point of the model has to be selected carefully. As can be seer in Fig. 3 a, scale for the
skia thickness, which is the most important scate for the replica design can be found from the similarity laws
This scale depends on length scale and pressure ratio of test fluid and atmosphere, and it gives
2 small possibility to adjust the mode! design. The skin thicknesses of the A/C and the replica model
structure are mainly determined by the number of plies of the faminate if the contribution of the epoxy resin
1s negiected. To meet skin scale requirements for the model, the number of plies has to be reduced in a way
that the percentages for the different fiber orientations of the plies within the laminate composition are
similar. Due to this constraint, the exact required model skin thickness cannot always be achieved. This
deviatinns can be adjusted by a proper selection of the pressure ratio. According to the reflections outlined
above, it was possible to design and manufacture the fin/rudder model depicted in Fig. 4. Fig. 5 shows some
design deuails.

I'e skins of the model were fabricated in a negative mold. The core of the model consists of expoxy-foam and
represents the honeycomb of the A/C structure. To avoid expensive machining the core was thermoplasically
formed by pressing the warmed foam together with the prefabricated skins in the mouid. After manufacturing
the ribs and spars, also made from carbon fiber material. the model was giued together in the muid

The meral parts of the models are the rudder and fin attachments. They are also replicas of the A.C J4....n

3 FEST PROCEDURES TO SUBSTANTIATE AEROELASTIC DESIGN METHODS WITH MODELS
30 General Aspects of Aeroelastic Mode! Tests
s r-ur opinion the main purpose of aeroelastic models is to check

mathematical models for the structural dynamics
design tools and aeroelastic tailoring strategies
aerodynamic theories

The use of the model test results for certification is limited because the results are strictly valid only
fur the design point of the model. However, having enough convidence in the calculations, checked by model
results the certification procedures for the whole flight envelope can be done by calculations. This combined
theoretical-experimental method was found very effective and helps to avoid mistakes.
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a2 Laboratory Testing

Before wind tunnel entry the mode! properties have 1o be checked by tests. In general, these are
stifiness and ground resonance tests. Assuming that the model has a replica structure and regarding the
similarity rules, the stiffness test results (influence coefficients) must be comparable to the stiffness
matrix of the mathematical A/C dynamics model.This is demonstrated, in Fig. 6 for an example of the fin/rudder
model.
In this figure, the influence coefficients of two models, both optimized with different type of laminates for
the same requirement, are compared to calculated values. It can be seen that two different optimization
procedures came to the same results,

The ground resonance test has a global check function. The measured eigenfrequencies and modes as well as
the generalized masses can be used to check the complete dynamics model of the A/C at v = 0 m/sec.

33 Wind Tunnel Testing

In the wind tunnel test the flying elastic A/C is simulated by an aeroelastic model. Consequently the test
results are apt to check and to update the mathematical dynamics A/C mode! including aerodynamics. With
stiffness scaled models static aeroelastic effects and efficiencies were tested and the resuits can be used to
<heck and match the calculation. A new and very interesting application of stiffness scaled models is their use
as pressure plotting models. A stiffuess scaled pressure pioting model is spezialized 1o measure the air loads
and steady and unsteady pressure distribution on the elastic A/C. This is the only possibility to check the
"efasufication” of the aerodynamic data set already in the predevelopment phase.

The classical dynamically scaled model is mainly used for flutter and active control investigations.
Flutter tests are comparable with ground resonance tests. Both tests simulate the complete equation of the
machematical A/C model whereas the stiffness scaled model tests represent just a part of the equation.
Therefore the combination of both model types gives the best information for the substantiation of aeroelastic
taloring strategies.

4 WIND TUNNEL MEASUREMENT METHODS
41 Aeroelastic Measurement Methods

The classical measurement methods for aeroelastic investigations are quasi- and unsteady pressure
measurements vibration-, frequency- and damping measurements. But to substantiate modern structural design
methods these tests are not sufficient anymore. Especially for static aeroelastic investigations the air joad«
and the associated deformations of the structure are of major interest.

The air loads of a stiffness scaled model, however, cannot be measured with a conventional wind tunnel
balance. Those balances use strain gauges as sensors and are elastic by definition and they would change the
mode! deformations completely.

Also photogrammetric methods to measure deformations are complicate for wind tunnel applications. This
demonstrates that there is a need for new measurement methods for static aeroelastic investigations. Therefore
this report will concentrate on air load measurements with a rigid balance and on a simple opto-electronic
method to measure deformations.

42 General Remarks Concerning a "Rigid” Balance Based on Piezoelectric Foice Transducers

In general, high rigidity of the balance is important in all cases when measuring steady and unsteady forces

for the following reason: high rigidity leads firstly to a high natural frequency of the entire system (bafan-

ce, model) and secondly to low interference between the individual force components to be measured. Because of
these demands we used a balance which is based on pi ! ic multicomp force transd s (Kistler
9067). The high stiffness of the piezoelectric force transducers is caused by the fact that the necessary
measuring deflections are only a few micrometers, which is one or two orders of magnitude smaller than in the
case of strain gauge systems. In addition, the rigidity of the bal is further enk d by using
multicomponent load washers. Thus the mechanical decoupling of the individual force component is superfiuous.
[n addition, a piezoelectric balance features a broad dynamic range of about 6 orders of magnitude for dynamic
measurements and nearly 4 orders of magnitude for quasisstatic measurements.

“

Concerning static measurements the svitability of a pi 1 ic system is r d because the exponential
decay of the charge with time constants of 10 to 10¢s, and fault currents in the charge amplifier that cause
the zero point drift. But these restrictions are only significant when measuring small forces (i.e. small
charges) or when the measuring time is very fong.

On the other hand it is possible to reduce the error caused by the zero shift by applying a simple
correction procedure. Our experience from measurements in a high-pressure wind tunnel (Ref. 3/4), the 3x 3 m
low-speed wind tunnel, and the present measurements show that the accuracy is sufficient for a wide range of
aerodynamic force measurements.

43 Description of the System Used for the Fin/Rudder Tests

The balance used in this test was maaufactured by Kistler Instruments,it is a modified version of the
"3-component dynamometer Type 9265". This force plate was orginally designed for measuring cutting forces on
machine tools (turning,grinding).
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Fig. 9 illustrates the main components of such a force plate. Four 3 force transd s (B),
which, have the form of washers, are prestressed by elastic bolts between two rigid steel piates. One plate,
which acts as a base plate (A) is fixed to the wind tunnel wall, while the test model is attached to the second
force-conducting top plate (C). Thus the shear forces on the load washers can be transmitted by fric.lionA The
assembly of the multicomponent force transducer is illustrated in Fig. 10. The four load washers deliver twejve
signals, the proper combination of which allows in principle all six of the resul force and the
moment to be determined with respect to the geometric midpoint of the four elements. For 3-component
messurements of the drag, lift and pitch moments, only shear forces on the load washers are requireq. Since the
sensitivity of all elements to the shear forces is nearly equal, related components can be wired electricaify
paralie] and routed to a charge amplifier (Kistler 5007).

I'he following signals were added by parallel X4+ Xq= X4 X3 + X, = X;,&l;_ Yq + Yy =Yy, and
Yy +Y3= Y y/3 . Thus four signals are produced for a 3-component measurement. he sum of all x -component-
viehds the total X (drag force) and the sum of all y -components the tota! Y (lift). The p|}ch moment M can
e obtained by the appropriate differences M ~ (X4g- X 3/3) + (Yqry ~ Y;,/J_). The four signals fed into
integrating digital voitmeters were coupled via an 1EC-Bus to 2 computer which calculates the forces and the
Jrilt carrection. We used the following drift correction procedure. The readings of the voltmeter apd
the corresponding time were stored at every measuring point. Knowing.(he Iocaliqn of the zero point before
(fluw speed ug = 0) and after the measurement, where the flow speeq is zero again, we computed the correctiun
for every point in time by linear interpolation. The assumption of a lmgr drift is justified because the shift
of the zero point is dominated by the fault currents in the charge amplifier and not by the exponential decay

of the charge.

In case that the application of force is inside and at a maximum distance of 0.] m above the top plate 1he
maximum load may be 15 kN while the threshold for dynamic measurements is as low as 0.01 N.
I'he interference between both components X and Y is lower than 1% Because of the high rigidity of the quart:
elements themselves, the natural frequency is mainly determined by the stiffness of the top plates of the
balance.

The balance was calibrated with weights in quasistatic mode. Since balances based on the same 1ype of
prezoelectric load washers have similar properties, Refs. 3, 4 may be consult for more details, In these
references, the basic aspects of the piezo measuring technique, the force transducers, calibration tests ,and
further applications are described.

34 Deformation Measurements in the Wind Tunne!
+4.0  Principle of the Opto-electronic Methad

for deformation measurements in the laboratory the transducers are connected with or, in case of touchless
sensors, very close to the test specimen. In the wind tunael this technique cannot be used. In order not to
Jesturb the flow, the measurement must be done either internally in the model or from outside of the wind
tunnel test section. At MBB an opto-electronic method was used, which measures the mode! deformation from
outside of the wind tunnel. This method has the advantage to be applicable also for very small and solid
aeradynamic models. The principle of the measurement is depicted in Fig. {{. For the measurement an illuminated
tirget point on the test specimen is focussed by a lens on a CCD Sensor (Charge Coupled Device). This sensor 1s
an array of photosensitive elements (pixel) is used for digital image sensing. A computer connected to the
sensor electronics dedects the pixel, on which the light, of the target is focussed. When deforming the
structure of the test specimen the light of the target point is focussed on another pixel. The travel of the
focussed ray is in first approximation proportional to the deflection of the test specimen. The precision of
such a measurement is at the present state of our developement below 0.1 mm. This system can only measure
deflections in the plane perpenticular to the specimen as can be seen in Fig. 11. The accuracy of the
meusurement method can be deteriorated by vibrations of the tunnel wall mounted CCD sensor and refraction
effects due to density variations in the air flow. The refraction effects cannot be excluded by calibration
because calibration can only be done at zero airspeed in the tunnel. But this refraction and vibration effects
were found to be small. Some problems may be caused by light reflections on model and tunnel wall, which cause
nnise in the sensor signal.

442 Description of the Deformation Measurement System for Wind Tunnel Application

For an effective wind tunne! application of the described opto-electronic method some modifications and
improyvements were necessary. To be able to check structural design methods it is favourable to measure the
defiections of a set of points comparable with the grid of the mathematical model. To reduce the number ¢f CCD
sensors and associated cameras and electronics special lenses were used, which were able to focus the light of
3 target points on one sensor. Thus, the deflection of 9 points could be measured with just 3 CCD sensors as
depicted in Fig.12. The main problem, however, was to install tiny light points with high emitting intensity on
the mode) without changing the stiffness characteristics of the model. High light intensity was necessary to
achieve a reasonable signal to noise ratio for the CCD sensor signal. This problem was solved by installing
opticai fibers of 200am diameter inside of the model. The shining end of the optical fiber pcnetrates the
model skin at the centre of the target point t0 be measured. The other end of the fiber is connected to a
powerful light surce as can be seen in Fig. [2. For this prototype test installation of the measurement system
also computer software for data reduction was developped and applied successfully.

During wind tunnel test of this system it was found that the measurements were performed fast and the
svstem was simple to handle, which is necessary for industrial wind tunnel testing.
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5 STATIC AEROELASTIC TESTS IN THE TRANSONIC RANGE
31 Test Objectives

The main objectives of the wind tunnel test were to measure derivatives of an aeroelastic fin and rudder
mudel associated with the deformations of the model structure. From this measurements the rudder efficiencies
should be extracted. Flutter investigations were only done to a small extend, because flutter of this optimized
tin was predicted outside of the wind tunnel performance.

32 Description of the Test Set Up

The sensor installations of the carbon fiber fin/rudder model is given in Fig. 13. At the tip of the fin
two accelerometers were mounted for flutter monitoring. At 3 sections 3 light points for the deformation
measurements were installed. Strain gauges were glued at the middle and rear fin attachment to measure the root
moments.

The rudder is attached to the fin with 3 hinges. It is driven by a hydraulic actuator, which is connected
to the rudder with a spring element, soft in bending and a scaled torsional stiffness. The spring element is
alsu equipped with strain gauges to measure rudder hinge moments. To sense the "rigid® rudder angle, a position
sensor was installed at the root rip close to hinge line. With the help of this sensor the
actuator flexibility could be excluded.

The model was screwed on the piezo balance, which in turn was rigged as stiff as possible on the wind
tunnel tloor. To improve the boundary layer conditions for the model a ground board was also installed as
depicted in Fig. 13.

5.3 Static Aeroelastic Test Program for the Fin/Rudder Model
Two model configurations were tested in the wind tunnel:

Configuration [
fin incidence §= 0° rudder angle rzvariable from n=+5 “ 10 ] °

Configuration Ik °
Fin incidence § variable from B= + 3° tof3= - 3° and rudder angle ¢ = 0.

The tests were performed at Ma = 0.7, 0.9, 1.2 at variable dynamic pressures.

For both configurations the lift, the drag and rudder hinge moment were measured as functions of the
dynamic pressure. The model deformations under steady air loads were measured for various load cases too.

5.4 Test Results and Comparison with Theory
54.1  Measurement of Air loads and Efficiencies

Some results of the balance measurements are depicted in Fig. 14/15. The measured lifts and hingemoments
as functions of the rudder angle (fin incidence) and the dynamic pressure look reasonable. In a follow on
effort the efficiencies of the fin and rudder were evaluated from the load measurements. The efficiency here is
defined as the ratio of flexible to rigid derivatives. Because the rigid derivatives cannot be measur~d with a
flexible model by definition, it was tried to find the rigid derivatives by extrapolation of the flexible
values. For this the evaluated elastic derivatives were plotted vs the dynamic pressure. This curve was
extrapolated to zerodynamic pressure assuming that this would be the rigid value because at very low dynamic

pressure the deformation of the structure will be also very smail. This extrapolation is shown in Fig. 16.

Narmulizing this curves with the "rigid® values will give the efficiencies. These curves, however, are
campletely different from the classical efficiency curves. To clear this, the extrapolated "rigid” derivatives
were compared with the calculated derivatives and it was found that the experimental values are too low. The
caplintion for this gave the results of the deformation measurements.

34.2  Deformation Measurement Resuits

Fig. 17 gives an example for Jeformation measurements for high and low airfoads as weli. Analyzing the
rudder deformation due to the air loads it can be seen that for high airloads the rudder angle at the tip is
considerably higher than at the root. That means that the mean rudder angle is higher than the commanded angle
at the 1out. But the reference for all measur is the ded rudder angle. This is also the explanation
tor etficiencies 1.0 at high dynamic pressures. The twist of the rudder, which leads to this high
efficiencies is caused by the bending of the fin box in conjunct.on with the actuator and hinge positions. It
is a kind of geometrical coupling.

The too small values of the extrapolated "rigid” derivatives can be explained by another elastic effect.
In Fig. 17 the deformation of fin and rudder at low dynamic pressure is also given. In this case the rudder
behaves as generally expected and the angle at the tip is ler than the ded angle shown at the root.
In Fig. 18 these two effects are depicted in another diagram, which compares the commanded rudder angle with
the angle at the rudder tip. This picture shows a very non-linear behaviour of the rudder, which can only be
found using stiffness scaled models instead of classical aerodynamic models. This le also d rates
clearly the necessity of deformation measurements in aerodynamic and aeroelastic investigations to be able to
interpret correctly balance measurements.
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6 CONCLUSIONS

In a2 wind tunnel study on an aeroelastic carbon fiber model it was demonstrated how the structural design
methods can be checked by experiment, beginning in an early stage of the design. Emphasis was put on the static
aeroelastic investigations, which become more and more important in high performance A/C design.

For this measurements a rigid balance tased on piezo force transducers and an opto-electronic deformation
measurement method were used successfully. It was tried to evaluate rudder efficiencies and a non-linear
behaviour of the rudder was found based on geometrical coupling with the fin. This should be further
investigated in detail.
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PREDICTION OF WING AEROELASTIC EFFECTS ON AIRCRAPT
LIFT AND PITCHING MOMENT CHARACTERISTICS

By Clinton V. Eckstrom
Aerospace Engineer
NASA Langley Research Center
Hampton, Virginia 23665-5225

SUMMARY

The distribution of flight loads on an aircraft structure determines the lift and
pitching moment characteristics of the aircraft. When the load distribution changes
due to the aeroelastic response of the structure, the lift and pitching moment
characteristics also change. An estimate of the effect of aeroelasticity on stability
and control chacteristics is often required for the development of aircraft simulation
models for evaluation of flight characterstics. This presentation outlines a procedure
for incorporating calculated linear aercelastic effects into measured nonlinear lift and
pitching moment data from wind tunnel tests. Results are presented which were obtained
from applying this procedure to data for an aircraft with a very flexible transport type
research wing. The procedure described is generally applicable to all types of
aircraft,

LIST OF SYMBOLS

Symbol: Definition:

cy, lift coefficient

CLa lift coefficient curve slope, per degree

CLy horizontal tail lift coefficient

CLGH horizontal tail 1ift coefficient curve slope, per degree

Cm pitching-moment coefficient

Cmo pitching~moment coefficient at zero angle of attack

Crng pitching-moment coefficient curve slope, per degree

Cm6H horizontal tail pitching-moment coefficient curve slope, per degree

ig horizontal tail incidence angle, degrees

m.a.c. mean aerodynamic chord length, m (in)

q free stream dynamic pressure, N/m2 {psf)

s wing reference area, m? (ft2)

Xa distance from center of gravity to wing/fuselage aerodynamic
center, units of m.a.c., positive forward

Xg - Xc.q. distance from center of gravity to horizontal tail aerodynamic center,
units of m.,a.c., positive aft

a angle of attack, degrees

ay angle of attack at horizontal tail, degrees

ap=q angle of attack at zero lift, degrees

Ag=q angle of attack for zero downwash at tail, degrees

sapzq incremental change in angle of attack at zero lift, degrees

Adg =g incremental change in angle of attack for zero downwash at tall,
degrees

ACmL o incremental change in pitching-moment at zero lift, rigid airplane

AXp incremental change in wing/fuselage aerodynamic center location, units

of m.a.c., positive forward
€ downwash angle at horizontal tail, degrees
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Symbol: pefinition:

€qug downwash angle at zero angle of attack, degrees

sy deflection angle of horizontal tail (elevon), degrees

By deflection angle of flexible fuselage at horizontal tail
station, degress

9y deflection angle of flexible fuselage at horizontal tail station petr
unit horizontal tail load, radians/lb

;5 partial of downwash angle with angle of attack, deg/deg

a

Abbreviations/Superscripts/Subscripts:

cs cruise shape (wing)

FS fabrication shape (wing)
TO tail off

INTRODUCTION

It is well known that aircraft static aeroelastic characteristics can have a
significant effect on structural loadings, stability and control characterstics, control
surface effectiveness and flight performance characteristics and therefore should be
considered during all phases of the vehicle design process. One of the areas where
static aeroelastic effects must be considered is in the development of a stability and
control data base for use in aircraft simulation models. Such simulation models may be
used early in the design process for structural loading evaluations, control law
development and evaluation of control capability. The simulation models may also be
used for hardware verification, flight plan preparation, and pilot training. Usually
the wind tunnel test data on stability and control as well as performance
characteristics are obtained from rigid models built to a specific design shape. For a
transport type wing the design shape (planform, airfoil shapes, twist distribution,
etc.) is usually selected to maximize efficiency at cruise flight conditions whereas for
a fighter type aircraft the wing design may be selected for a specific maneuver
condition or capability. 1In either case a structural deflection calculation must be
made to define a fabrication shape such that the full scale wing will deform to the
desired shape when subjected to the loading expected at the design condition.

For the example described herein the aircraft had a transport type wing for which
the given information included (1) the wind tunnel measurements of stability and control
characteristics for a rigid model with a cruise shape wing (ref. 1) and (2) the
fabrication shape for the full scale wing (ref. 2)}. What was needed was a prediction of
the performance and stability and control characteristics of the full scale aircraft
with a flexible wing. The approach was to use a static aeroelastic analysis procedure
(ref. 3), which has linear acrodynamic and structural equations, to calculate the
aerodynamic characteristics of the aircraft with both a rigid cruise shape wing and a
rigid fabrication shape wing and also to do the same calculations for the aircraft with
a flexible wing starting in the fabrication shape. The next step was to determine (1)
the differences in stability and control characteristics between the rigid cruise shape
and the rigid fabrication shape and (2) the changes due to flexibility (aerocelastic
effects, defined as a function of flight dynamic pressure). These differences were then
applied to the wind tunnel measured data as increments or as ratios to give a nonlinear
prediction of the stability and control characteristics for the flexible flight
vehicle. The procedure for doing this was developed from and is similar to that of
reference 4. The information for the example case presented herein includes the lift
and pitching moment characteristics at a Mach number of 0.80, although the calculations
were performed for a range of Mach numbers.

AIRCRAFT CHARACTERISTICS

The procedure described was applied to a research wing mounted on a drone vehicle
(vef. 5). The gize and general arrangement of the research wing and drone vehicle are
shown in figure 1. The fuselage is a modified Firebee II target drone vehicle. The
research wing was designed for a 2.5-g maneuver load at a gross vehicle weight of 1134
kg (2500-pounds). The wing structural strength and stiffness were determined using an
integrated design procedure which included the use of active controls. Wing loading was
reduced using maneuver and gust load alleviation. Wing stiffness was reduced using
active flutter suppression (ref. 2). Therefore the wing is quite flexible in comparison
to most transport type wings in use today. Also inertial effects are small because the
wing has no engines, internal fuel, stores, or other large added masses.

A comparison of wing leading edge elevation (droop) and spanwise twist
distributions for the wing in both the cruise and fabrication shape is presented in
figure 2. The leading edge of the cruise shape wing is a straight line with a very
slight downward slope toward the wing tip. The leading edge of the fabrication shape
wing droops downward considerably from the cruise shape wing to compensate for the

——— e -
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upward bending that will occur due to the lifting aerodynamic loads experienced at the
cruise flight conditions (M = 0.80, Cp, = .53, q = 6080 Newtons per square meter (127
psf)). The wing twist distribution for the cruise shape wing (fig. 2) was selected for
aerodynamic efficiency reasons relative to spanwise lift distribution and wing tip
stall. The fabrication shape wing has a reduced negative twist distribution to
compensate for the negative twisting which will occur as a result of bending when the
wing is subjected to the aerodynamic loads associated with the cruise flight conditions.

WIND TUNNEL TEST DATA

The wind tunnel tests (ref. 1) were performed on a rigid 0.237-scale model with a
cruise shape wing. Data are presented for tests performed at a Mach number of 0.80 with
the model in both the tail-on and tail-off configurations. Lift and pitching moment
coefficient data are shown in figure 3. The slight difference between the two sets of
lift coefficient data results from the lift on the tail. Note that the lift on the tail
is downward until an angle of attack of about 6-degrees has been reached. The circles
and squares represent actual test data points whereas the solid and dashed lines
represent equations which were fit to the test data points. The equations were used to
define a set of pseudo "wind tunnel® results such that data at smaller angle of attack
increments could be used in subsequent analyses.

For the pitching moment coefficient data (fig. 3) the difference between data for
the tail-on and tail-off configurations is considerably greater. The difference is the
lift on the tail multiplied by the moment arm length between the tail center of pressure
and the vehicle center of gravity (the c.g. is defined as being at 0.25 m.a.c.). Note
that the two curves cross at about 6-degrees angle of attack indicating that the lift on
the tail changes from negative to positive which is in agreement with the lift
coefficient data.

Two additional scale model wind tunnel test measurements are needed to determine
downwash at the tail location. They are the horizontal tail lift and pitching moment
coefficient curve slopes, per degree deflection. For the example case given these
parameters had values of 0.0124 per deqree and -0.048 per degree respectively and were
assumed to be linear over the angle of attack or horizontal tail deflection angles of
interest.

ANALYSIS METHOD

The tasks and procedures for obtaining the predicted lift and pitching moment
characteristics for a flexible aircraft are outlined in the flow chart presented in
figure 4. The wind tunnel test data for the tail-on and tail-off aircraft configurations
referred to on the left side of the chart (fig. 4) have already been presented. The
static aeroelastic analyses referred to on the right side of the chart were performed
using the Flexible Airplane Analysis Computer Program called FLEXSTAB (ref. 3). As
noted on the chart, static aercelastic analyses are required for: (1) rigid analytical
models at both the design cruise shape and the fabrication shape, and (2) a flexible
analytical model (initially at the fabrication shape) subjected to various levels of
flight dynamic pressure. In each case analysis results are needed for both horizontal-
tail-on and horizontal-tail-off aircraft confiqgurations. These linear analysis results
are then used to define incremental changes in lift and pitching moment between the two
rigid shapes and for the variations of flight dynamic pressure for the flexible model.
The incremental changes defined by the linear analysis method are then used either
directly, or as ratios, to modify the measured non-linear wind tunnel data using a
procedure developed from and similar to that of reference 4.

A basic assumption associated with the prediction procedure is that lift curve
intercept changes determined by FLEXSTAB analysis should be applied to the measured wind
tunnel data as a shift in angle of attack for zero lift rather than as a change in lift
at zero angle of attack. As a result the modified wind tunnel curves are translated
along the angle of attack axis with no change in the prediction of maximum lift
capability. A second assumption is that the change in lift curve slope for the flexible
wing should be proportional to the incremental change in lift, Therefore the correction
to be applied to lift curve slope is a function of both dynamic pressure and lift curve
slope from the original non-linear lift curve rather than just as a function of dynamic
pressure. These assumptions basically define how the prediction procedure is applied as
explained in the following sections.

Analysis Results for Lift Coefficient

A comparison of the lift coefficients calculated using the FLEXSTAB analysis procedure
is presented in figure 5(a) for the rigid cruise shape wing and the rigid
fabrication-shape wing (tail-off aircraft configuration). FLEXSTAB results for lift are
in the form of a lift coefficient for zero angle of attack and a lift curve slope from
which the angle of attack for lift coefficient equals zero is determined. It is the
difference in angle of attack at zern lift (C, = 0) between calculated results for the
cruise shape wing and the fabrication shape wing that is the incremental value to be
used in modifying the measured wind tunnel lift coefficients to those expected for the
rigid fabrication shape wing. Note that for those two rigid wing shapes there is a
shift in angle of attack for zero lift but no change in lift curve slope.

The next step is to calculate the lift coefficient slope and intercept values for
the flexible wing (tail-off configuration) using the FLEXSTAB analysis procedure. Lift
coefficient slope and intercept values for the flexible wing are shown in figure 5(b).
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The effects of flexibility were determined at the various non-zero dynamic pressure
values shown. Results for the rigid fabrication shape (fig S5(a)) are presented at zero
dynamic pressure for reference purposes as this is the basline condition from which
flexibility effects are evaluated. The results for the flexible wing are different from
those for the rigid wing shapes in that there is a change in both the slope and
intercept values as flight dynamic pressure is changed. The changes in lift curve slope
occur because the wing twist distribution for the flexiblr wing is a function of wing
loading which in turn is a function of aircraft angle of attack for any given flight
dynamic pressure.

A summary of the calculated incremental changes in angle of attack at zero lift is
shown in figure 6. These values are needed as one set of inputs for modifying the
measured wind tunnel data to account for the wing rigid shape change, cruise shape to
fabrication shape, (shown in figure 6 at zero flight dynamic pressure) and for the
aeroelastic effects which are a function of flight dynamic pressure. (These data were
obtained from figure 5 at C;, = 0). Note that the incremental angle of attack changes
for the wing rigid shape change and for the wing flexibility effects are opposite in
sign. The fabrication shape wing has zero lift at a larger negative angle of attack
than the cruise shape wing because, as shown earlier, the fabrication shape wing has
less negative twist along the span than does the cruise shape wing. However as the
flight dynamic pressure is increased, the aft swept flexible wing will bend upwards at
the tip resulting in an effectively decreasing local angle of attack along the span.

The values of lift curve slopes from figure 5 (b) ratioced to the value of lift
curve slope for the rigid case (q = o) are presented in figure 7 as a function of
dynamic pressure multiplied by the lift curve slope for the analysis rigid case. The
curve defined in figure 7 will be used to determine the ratio by which wind tunnel
measured lift curve slopes should be modified or corrected. The abscissa for the data
in figure 7 was chosen so that during the modification process, when either the flight
dynamic pressure of interest is small, or the slope of the wind tunnel lift curve is
small the correction factor, or flexible to rigid ratio, determined from the curve
(fig. 7) will be nearer to 1.0 and the modification to the wind tunnel measured lift
curve slope will be smaller. 1In this way the shallow slope of the lift curve (fig. 3)
near maximum lift will receive only a very small correction whereas those portions of
the lift curve with highest slopes will get the largest corrections.

Analysis Results for Pitching Moment Coefficient

Changing the wind tunnel measured pitching moment coefficient curve to account for
wing shape changes is a two step process. The first step is to establish the
incremental changes in pitching moment at zero lift as shown in fiqure 8 for the
tail-off aircraft configuration. Pitching moment coefficients as a function of angle of
attack calculated for the rigid cruise shape and rigid fabrication shape wings are shown
in figure 8(a). Similar results for the flexible wing starting in the fabrication shape
are shown in figure 8(b} for several values of flight dynamic pressure. Note that the
value of pitching moment for zero lift determined at g = 0 {(fig. 8(b)) is the same as
for the rigid fabrication shape wing (fig, 8(a)).

A summary of the incremental changes in pitching moment at zero lift are presented
in figure 9 as a function of flight dynamic pressure to show the relationship between
the increment for changing from the rigid cruise shape wing to the rigid fabrication
shape wing (at zero dynamic pressure) and the increments for the flexible wing. Note
that the increment between rigid shapes is opposite in sign to the increments due to
flexibility.

As previously mentioned, changing the wind tunnel measured pitching moment
coefficient curve to account for wing shape changes is a two step process. The first
step is to establish the incremental changes in pitching moment at zero lift as shown on
figures 8 and 9. The second step is to change the slopes of the pitching moment
coefficient curves because of changes in aerodynamic center positions resulting
from different wing shapes. Figure 10 presents the incremental changes in aerodynamic
center location as a function of flight dynamic pressure resulting from going first from
the rigid cruise shape to the fabrication shape, shown at a dynamic pressure of zero,
and then for increasing dynamic pressure for the flexible wing. These data were
obtained directly from the static aeroelastic analysis results without additionai
computations. As can be seen the incremental change in aerodynamic center location, due
to the wing changing from the rigid cruise shape to the rigid fabrication shape, is
negligible in comparison to the changes due to flexibility as dynamic pressure is
increased.

Procedure for Modifying Wing Tunnel Data

Lift coefficient is shown plotted in fiqure 11 versus both angle of attack and
pitching moment coefficient to illustrate the first few of several steps in obtaining
modified non~linear wind tunnel data. The illustration shown is for changing data from
a rigid cruise shape wing to data for a rigid fabrication shape wing. The dashed lines
represent wind tunnel measured data for the tail off model configuration. Data points
have been selected along the dashed line in increments of 1.0 degree in angle of attack
with the exception that the data point at Cj, = 0 is an interpolated value. Each of
these data points also represents a step in the modification process as defined by the
i = 0 to i = 8 notation in the center of the figure. The s0lid lines are the resulting
non-linear estimated data for the rigid fabrication shape wing. For lift coefficient
versus angle of attack the new data for the rigid fabrication shape wing is simply the
measured wind tunnel data (cruise shape wing) shifted over on the angle of attack axis
at each data point by the incremental change of angle of attack at zero lift determined

—_——— ———————
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by analysis. This means that each segment between data points on the new curve has
exactly the same slope as the original wind tunnel data.

Determining the pitching moment coefficient for the rigid fabrication shape wing is
a two step process. The first step is to shift the initial value for pitching moment at
zero lift (at i = 0) by the incremental change in pitching moment at zero lift as deter-
mined by analysis {(fig. 9). The second step is to determine the new incremental values
of pitching moment as shown by the equation at the top of figure 11. The new increment
in pitching moment for each step, i, along the curve is equal to the increment of the
original wind tunnel data plus the product of the incremental change in aerodynamic
center, 8Xp, times the incremental change in lift coefficient for each step. As
presented earlier, (fig. 10), there was only a very small change in aerodynamic center
in going from the rigid cruise shape wing to the rigid fabrication shape wing, therefore
each of the steps along the two pitching moment curves are nearly parallel. The data
shown are for values of lift starting at zero and going positive. The same procedure,
starting at zero lift and going negative, is used to determine data for the fabrication
shape for negative values of lift coefficient.

Introducing flexibility affects (as a function of flight dynamic pressure) into the
modification procedure makes changing the lift coefficient curve into a two step
process. The first step is to introduce the appropriate incremental change in angle of
attack for lift equals zero (fig., 6) similar to what was done for the illustration in
figure 11. The second step is to work up the incremental steps (starting from i = 0)
in figure 11 by multiplying the wind tunnel measured lift curve slope by the appropriate
flexible to rigid ratio for lift curve slope (fig. 7) for each increment and building a
new lift coefficient curve in this manner. The procedure for the pitching moment curve
remains the same as previously described with the appropriate incremental changes in
pitching moment at zero lift and aerodynamic center location coming from figures 9 and
10 respectively.

Lift and pitching moment coefficient results for the flexible airplane in the
tail-off configuration are presented in figure 12. Pitching moment is again presented
as a function of lift coefficient to show, for the flexible airplane, how the large
changes in aerodynamic center affect the slopes of the pitching moment curves. Data for
both 1lift coefficients and pitching moment coefficients are presented for 1lift
coefficient values both greater and less than zero. The plots also show the wind tunnel
data for reference purposes. The left side of figure 12 shows how the incremental
changes in angle of attack at zero lift coefficient and the changes in lift curve slope
with dynamic pressure affect 1ift coefficient data. The right side of the figure shows
how the pitching moment coefficient changes with the rigid shape change and with
increasing dynamic pressure for the flexible wing.

Tail Effects

Predictions of wing aeroelastic effects on lift and pitching moment characteristics
were also made for the tail-on aircraft configuration. A description of the procedure
(ref. 4) used to determine these effects is presented in the Appendix. Figure 13
presents the flow downwash angle at the horizontal tail as derived from measured wind
tunnel data by a procedure also described in the Appendix. The flow downwash angle at
the horizontal tail is also effected by the rigid and flexible wing shape changes.
These effects, which are estimated using the linear static aeroelastic analysis,
primarily result in shifting the curve of figure 13 along the horizontal axis but there
are also some moderate slope changes that result from wing flexibility. The changes
which occur to both the angle of attack at which the downwash angle is zero (intercept)
and the rate of change of downwash angle with change in angle of attack (slope) are
presented in figure 14, As can be seen from the curve for the intercept, the
inccemental change resulting from going from the rigid cruise shape wing to the rigid
fabrication shape wing (shown at dynamic pressure of zero) is larger in the positive
direction than the negative increments for the range of dynamic pressure shown. The
changes in slope as a function of flight dynamic pressure are very small. Note that the
symbols used on the right half of figure 14 correspond to the dynamic pressure values
used on the left half of the figure.

Analysis results are presented in figure 15 for the airplane with a flexible wing
but a rigid fuselage in the tail-on configuration, i.e., where the tail effects have
been added as a part of the computation process. Note also that the pitching moment
coefficient data are now presented as a function of angle of attack. The wind tunnel
measured data for the rigid cruise shape wing are again included for reference
purposes. The data for lift coefficient looks very similar to that for the taii-off
configuration as the lift on the tail does not significantly change the total lift,
However, the effect of the tail loading on pitching moment is very significant as was
shown earlier in figure 3. Note that the reversal in the pitching moment curve between
two and six degrees angle of attack smoothes out considerably at the higher dynamic
pressure flight conditions.

Fuselage Flexibility Effects

Comparisons of pitching moment coefficients predicted for the airplane with a
flexible wing in the tail-on configuration are presented in figure 16 for calculations
which both neglected and included fuselage flexibility. Fuselage flexibility effects
the angle of attack at the tail and therefore effects the contribution of the tail to
the pitching moment coefficient. Although the fuselage flexibility effect is small in
this case, it is still noticeable particularly for the higher angles of attack and
dynamic pressures.
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Inertia Bffects

Because the example wing has no engines, internal fuel, stores or other large added
masses the inertial relief effects were found to be negligible. Therefore the analysis
for the flexible analytical model were performed at zero angle of attack for all dynamic
pressures. If wing masses are large and inertial effects significant it may be
necessary to perform the analysis in a piece-wise linear fashion to account for
variations in g~loadings with angle of attack and dynamic pressure conditions.

CONCLUDING REMARKS

o Wind tunnel measurements of aircraft stability and control characteristics are
usually made on a rigid model with the wing shaped for the design condition.

o I1f flexibility is significant the wing for a full scale aircraft will be built to a
fabrication shape which accounts for the deformation expected at design flight
conditions.

o Stability and control characteristics for the full scale aircraft should match wind
tunnel measured data at the design flight condition but may be significantly
different at off-design flight conditions.

0 A procedure has been presented for using static aeroelastic analysis results to
modify measured wind tunnel data to account for aeroelastic effects at different
flight conditions.

o Example results for lift and pitching moment characteristics for a highly flexible
transport type wing were presented which show significant changes with dynamic
pressure because of flexibility effects.

APPENDIX - ANALYSIS OF TAIL EFFECTS

Analysis of wing shape change and wing flexibility effects for the tail-off
aircraft configuration was rather straightforward. Unfortunately, the tail-on aircraft
confiquration complicates matters considerably, particularily when fuselage flexibility
effects on horizontal tail angle are included., The analysis of tail effects is
presented in two parts, The first part is an analysis of tail effects for a rigid wing
shape change, i.e., in going from the rigid cruise shape wing to the rigid fabrication
shape wing (the fuselage is also considered to be rigid). The second part is an
analysis of tail effects for the addition of both wing and fuselage flexibility
although, as was done in the text, the flexibility effects can be treated separately.

Tail Effects for a Rigid Wing Shape Change
Downwash at Tail: 1In order to determine the contribution of the horizontal tail to
1ift and pitching moment characteristics it is necessary to calculate the flow downwash

angle at the horizontal tail location. This can be done by comparing moment equations
for tail-off and tail-on configurations.

CmTO = CmoTO + Cm“TO.o TAIL-OFF (1)
Cmp=C + C + C & TAIL-ON 2
m mg my mg %8 (2)

When the effective angle of attack at the tail (ay) is zero then the tail load

Cm GQGH is zero and Cy To' Cm. Setting equations (1) and (2) equal and solving for a,

as a function of 6y, at which ay is zero,

Cmg CmoTO + Cmcﬂ-sﬂ
Cmapg ~ Mo

a =

The horizontal tail angle of attack, ag is
ag = a ~ € + iH + 8y + Sy (4)

The tail incidence angle, ig, for the example aircraft is zero and the body bending
term, 84, is not applicable for the rigid case (flexibility will be added later).
Equation (4) for the rigid vehicle is

ag ~a - €+ 8, (4a)

Rearranging for downwash angle, ¢, when ay = o,
€ =a+ by (5)

Equation (5) is valid for all a but 8y must correspond with zero tail load, i.e.,
ag * O.

(]
a

o

=) 4+

2
!
>
C

L1
Going back to equation (3) and differentiating with respect to a and solve for iag
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results in

36y Mgy ~ Cmg (7
¥« T Cme.
'“5H
Substituting (7) into (6) to get %E ’
C - C
E .4, Tar0 T (8
da CNH
Finding 8y for a = 0 and no tail load from equation (3)
§ N TO ~ o (9)
Ha=o Cde
and substituting into (5) to get ¢ for a = o,
Cmo . = Cmg
e = -ﬁxo——————c (10)
a=0 mg
= e
€= € o + 3a @ (11}

This procedure for determining downwash angle, €, as a function of angle of attack, a,
is used for both the wind tunnel data and the PLEXSTAB analysis results. In each case
it requires data for both the tail-off and tail-on aircraft configurations. A

comparison should be made of the downwash determined using FLEXSTAB data with downwash
determined using wind tunnel data to assure that there is a good correlation. For the
fabrication shape wing the incremental change in angle of attack for zero downwash is:

- _ ta=0
Gezo 3e/da a2)
Bag=g = (a¢=glps ~ (Ge=olcs (13)

The inputs for equations (12) and (13) - >me from FLEXSTAB runs tail-off and tail-on for
both the cruise shape and fabrica* o shape wings. The curve for ¢ versus a determined
from evaluation of wind tunnel ...-  figure 13) is now translated along the angle of

attack axis by the increment Aa, (figure 14) to obtain a new curve of modified wind
tunnel data for the fabrica' .o aape wing.
Horizontal Tail Loads: +nd tunnel data must be evaluated to determine the 1lift

coefficient for the horizontal tail, CLH' as a function of angle of attack at the

tail, ay. The angle ¢! attack at the tail is determined for the fabrication shape
wing using equatior .4a) and the new values of ¢ for the fabrication shape wing,

Lift Coefficicnt (Tail On): The lift coefficient for the rigid fabrication shape
wing is

Cp = CLpy * CLy (14)

Pitching Moment Coefficient (Tail On): The pitching moment coefficient for the
vigid fabrication shape wing is

C"‘:C'“TO_CLH'(XH- Xeg) (15)
Tail Effects for a Flexible Wing and Fuselage

The fabrication shape flight wing and the flight vehicle fuselage are both flexible
structures and therefore subject to deformation from aerodynamic and inertial loading.
The analysis procedure presented here accounts for only the deformation due to
aerodynamic loading (no inertial loading).

Downwash at the Tail: The procedure for determining the effects of the flexible
wing shape changes on downwash at the tail are essentially the same as for the rigid
wing shape changes discussed earlier. However when the flexibility of the fuselage is
included in the analysis there are additional terms to consider. Start again by
comparing moment equations for tail-on and tail-off configurations.

Crpp = C“‘O'ro + C“‘ﬂro'“ (16)

Cm = Cmy * Cmy*a + Cm5H'5H (17)

When the‘effective angle of attack at the tail, ay, is zero, then the tail load
CMGH-sﬂ is zero, Cppy = Cp  and we can equate (16) and (17) and solve for a, as a

function of 8y, at which ay is zero.
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Cmg = Cmgp * Cmg,'oH
Chapg - CMa

a

(18}

The angle of attack at horizontal tail, ay, is
ag ® a - € + iy + 8y + &y (19)
From equation (18) ay is zero and for the example aircraft the all moveable horizontal

tail has no incidence angle iy. Solving for downwash angle ¢,

£ =a+ sy +0 (20)

B
where 8, is body bending angle at horizontal tail. Body bending 8y is a function of:

6 o LT L s 1
* — ——
B™ %Hgao ¥ 77 * Y 35 0w (21)
aeH
We now need FPLEXSTAB runs with the tail on at a=0 and a=o0 to get BH and 32
a=0

Body deflection, at the horizontal tail, due to incremental load due to tail deflection,
Sy, is:
a8y = CLGH-s-q-(6H + SH)OHH (22)

where 8yy is the diagonal element of the free-free structural influence coefficient
matrix for the fuselage at the horizontal tail attachment point.
Solving equation (22) for 8y and differentiating with respect to §g results in

sy R 2
By " T- CLy, -5 9 %mn

Now subsituting equation (23) into equation (21) and equation (21) into equation (20)
results in an equation for downwash at the tail, ¢, where the values for the parameters
are obtained from FLEXSTAB runs.

= + [ aeH) |
£ " PHamo M 7= CLy 579" 0an 8y (24)

Equation (24) is valid for all a but &y must correspond with zero tail load.
a0y 1 a8y

e
3a 'ttt T Clog 5 9" Onn T (25}
Going back to equation (18) and differentiating with respect to o and solving for
s
555 results in
38y CMagg ~ Cmg
e C (26)
M g
Substitiuting (26) into (25) results in
C -C
3 L g, 2, ik I (27
da da C, ~ C *Seq-®
Mg (7 Lsg q HH)
Now finding 8§y for a = o and no tail load from equation (18)
C - C
oo Mo
$gme © T Cm (28)
a=0 mey
and ,ubstituting into (24) to get ¢ for a = o
C - C
"Moo Mo
= (29)

Camo " Hpao t T (T - CL 57 0m)
5y LGH HH

Equations (27) and (29) describe the downwash ¢ as a function of a

€ = ¢ + 2 .,
a=0 da

Horizontal Tail Loads: For the flexible vehicle configuration the angle of attack
at the horizontal tail includes the effect of fuselage bending.

—— —_—
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- i 30
ag = a s+1a+6H+5H (30}
30y 31)
where °H = eﬂo + 55 ‘et eHH'CLaH'“H'q'S

The asgumption is made that OHO and ;%g are for the tail-off configuration and
that all body bending due to tail loads is contained in the last term. Rearranging
equations (30) and (31) and solving for ay yields

a(l+:“:—li>—e+iﬂo+0+6ﬂ
°n " - ®un°CLy " 9°S) (32)

For the example aircraft iy = o and for these cases the elevon deflection &y is also

set to zero. Therefore
30
a(1+—5§)~e+eﬂ
@ o

g = l‘ - QHH.CLGH.q.S) (33)

Lift Coefficient (Tail On): The lift coefficient for the flexible wing and vehicle

is
Cp = CLTO + CLGH'GH (34)

Pitching Moment Coefficient (Tail On): The pitching moment coefficient for the
flexible wing and vehicle is

Cm * Cipo~ CLgg %" (X -~ Xc.g.) (35)
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Wing data*
Area 3.25sqm
(35 sq ft)
Aspect ratio 10.3
Taper ratio 0.4 5 79m
Sweep @ 50% chord 25° (19 ft)

<L/$
Gl

*Wing data based on
basic trapezoid

8.61m
(28. 25 ft)

Figure 1.-Aircraft used as example problem.
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Pigure 2.-Comparisons of wing droop and twist distributions for
cruise and fabrication shape wings.

— L el —



r ~ -

T — T — C-ermgree-
KL
Model with rigid cruise shape wing
M=10280
L0 20
8 .15
6 .10
/)
cL-4L /' —o— Tailon . .05
2k o~ Tailoff M 0
0 - 05
/,
-2 Ef;/}j - 10 -
-4 1 [ L) - 15

|
-6 -4 -2 0 2 4 6 810

a, deg

Wind tunne! model

Figure 3.-Lift and pitching moment coefficient data from wind tunnel test.

Static aeroelastic analysis

(rigid cruise shape) (FLEXSTAB)
I8
1 1
Data Data Rigid analytical modeis Fiexibie analytical model
fail on tail off Cruise shape (fabricaticn shape)
config. config. Fabrication shape Vary tlight conditions

—

Determine
downwash angle
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using analysis results
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Pigure 4.-Flow chart showing analysis procedure.
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Figure 5.-Static aeroelastic analysis of lift characteristics.
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FPigure 6.-Incremental changes in angle of attack at zero lift.
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Figure 7.~Ratio of flexible to rigid lift curve slopes.
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Pigure 8.-Change in pitching moment cofficient at zero lift.
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Figure 9.-Incremental changes in pitching moment coefficient at zero 1lift.
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Figure 11.-Procedure for using analysis results to modify wind tunnel data.
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(From wind tunnel data)
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Pigure 13.-Downwash at the horizontal tail.
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Figure 14.-Changes in downwash at the tail.
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Figure 15.-Flexibility effects for example aircraft.
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Pigure 16.-Effect of fuselage flexibility on pitching moment coefficient.
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INFLUENCE DES DEFORMATIONS STATIQUES D'UNE VOILURE SUR
L' AERODYNAMIQUE INSTATIONNAIRE

par Roger Destuynder
Office National d'Etudes et de Recherches Aérospatiales (ONERA)
92322 CHATILLON CEDEX - FRANCE

RESUME -

Les avions de transport modernes de grand allongement, type B767 ou AIRBUS,
présentent, wéme pour un facteur de charge n = 1, des déformations statiques
importantes caractérisfes essentiellement par une torsion induite due & l'angle de
fléche de la voilure.

Ces déformations importantes en bout d'aile modifient de fagon notable 1'&cou-
lement autour de profils du type supercritique, sengible & 1l'incidence locale en par-
ticulier en ce qui concerne l'apparition de chocs 3 1'extrados.

L'influence de ces déformations sur le phénoméne du flottement a &té mise en
&vidence par des essails.

Une série de calculs utilisant des corrections semi-empiriques, extraites
d'essais en soufflerie, a &té entreprise pour réduire les &carts existant dans le
domaine du flottement entre théorie et expérience.

INFLUENCE OF STATIC DEFORMATION ON A WING IN THE UNSTEADY AERODYNAMIC
ABSTRACT -
The modern civil transport airplanes, with large aspect ratio, like B767 or
AIRBUS, show even in cruise condition, important static deformations characterized

essentially by an induced torsion due to the wing sweep angle.

This deformation principaly important at the wing tip modify the flow around a
supercritical profil, very sensitiv to the local incidence.

The déformation influence on the flutter phenomenon was proved by wind tunnel
tests on a elastic model.

A series of flutter calculations using semi empirical corrections, extract from
wind tuannel tests, was undertaken to reduce the existing difference between theory
and expérience.

—~
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1 - INTRODUCTION

Les avions de transport modernes de grand allongement (type Airbus ou B767) préseatent sous facteur de
charge n = 1, en croisidre, des déformations statiques importantes en flexiocn et surtout en torsion induite
par suite de la fldche de la voilure. Ces déformations, principalement en bout d'aile modifient de fagon
non négligeable 1'&coulement autour d'ua profil de type supercritique, trés sensible & 1'incidence locale,
particulidrement en ce qui concerne l'appsrition des chocs.

D'autre part i on considdre les phénomdnes de flottement, le calcul des forces aérodynamiques insta-
tionnaires génfralisées, portant sur les modes propres de la structure, montre une grande sensibilité de
ces forces aux déformations statiques du bout d'aile qui représentent une contribution importante dans les
forces globales.

Ce rapport s'attachera principalement 3 considérer 1'influence des déformations statiques dues aux
charges aérodynamiques, sur les problémes de flottement. Le probléme dee non linéaritfs des forces insta-
tionnaires sur un réacteur en fonction de l'incidence sera &voqué.

I1 - POSE DU PROBLEME

On a tout d'abord mis en &vidence par le calcul et pour des esssis en soufflerie l'importance des
déformation aéroflastiques d'une voilure de grand allongement correspondant @ l'aile supercritique d'un
avion de transport moderne.

Par une mfthode classique de Rayleigh-Ritz om a calculé, connaissant 1'€lasticité de la structure dans
sa base modale, les déformfes statiques correspondantes 4 différentes charges réparties. Les calculg ont
€té faits & Mach et incidence de référence constants (Mach = 0,78) (« = + 1,5° eta= - 1,5°).

On a déterminf le vrillage de l1'alle correspondant 3 différentes altitudes de vol c'est-d-dire 3
q=% fv‘ variable. On a obtenu les courbes des figures 1 et 2.

- T T 3° — e
j MA = 0.78 & =z 1.5° Va/p?o bar MA = 0.78 @ =-1.5°
g 3 - / (forme sans vent) 2 |- <P =0 bar
S 2 ] (n = 0) g (forme sans vent)
g ook zglbar g 1 e e 0
S8 | = 83 , P = 0.4 bar
g3 \‘0\9=o.8bar 5o —
a q ~ $8 N
Om 1 © =1 P = 0.8 bar
o o = 0,
d Pz 1.6 bar o & |
o -1 . S v s _ P = 1.6 bar
2 RS ;
< -2 _ g, .
a a.5 1.0 ] 0 0.5 1.0
Fig. 1. Angle de déformation dlastique dans le Pig. 2. Angle de déformation élastique dans le
sens du courant d'air en fonction de sens du courant d'air en fonction de
1'envergure. 1'’envergure.

Les déformfes sont calculfes & partir de la forme batie (Jig Shape) sans charge. La courbe p=0 bdar
de la figure 1 donne le vrillage de l'aile résultsat de 1'application des forces de gravité. Les forces
aont positives. De l'extrados vers l'intrados, le bord de fuite descend tandis que le bord d'attaque se
reléve. L'angle de vrillage est positif. La variation de vrillage Ad fonction de 1'envergure n , due aux
forzes de gravité, est Evidemment indépendante du calage initial «, de l'aile (ici +1,5 et - 1,5°).

Les forces de portance correspondant & un €, et Mach donnés ont ensuite £té ajoutfes sur 1l'aile en
fonction du paramétre q = % (v . Ces forces exercent des composantes allant de l'intrados vers l'extrados.
Le bord de fuite de 1'aile monte tandis que le bord d'attaque descend.

Les courbes de déformations ont &té calculfes i partir de deux calages initisux correspondant & deux
valeurs de Cz . A partir de ces incidences locales calculfes par une méthode itfrative trds rapidement
convergente, on a vErifi€ sur une maquette de similitude dynamique utilisfe en soufflerie que les déforma-—
tions prévues &talent correctes (figures 3 et 4). La figure 3 donne le déplacement du bord de fuite calculé
et mesuré dans les mémes conditions de chargement. La figure 4 donne l'angle d'incidence locale di aux
charges. La comparaison est correcte.

ao
iy
2(m) 3 ,
2 théorique
0,1 zhéorlquemesurée 1 - mesuré
1 -z
0,05
0 0
0,1/“/—/ 1 y(m) \ fn=2y/m
rig. 3. Bvolution de la cote du bord de fuite Fig. 4. Bvolution de l'angle de vrillage en
en fonction de 1'envergure, théorique fonction de 1'envergure, théorique et
et mesurdée, (en croisiére) mesurde. (en croisidre)
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III - CALCUL DES COEFFICIENTS C; et C,,

La seconde partie du probléme a consisté 3 mesurer leas coefficients de portance et de moment insta-
tionnaires pour les difffrentes incidences locales & partir de résultats d'essais quasi-stationnaires et
instationnaires effectufs en soufflerie sur une maquette dite rigide er ayant une déforufe analogue § celle
d'une aile d'un avion volant en conditions de croisidre & M = 0,78 et 2 = 30000 pieds.

Les hypothdses &taient les suivantes :
= Il y a proportionnalité entre les efforts locaux et la déformation résultante.
= L'hypothise des tranches sans interaction entre elles est prise comme premidre approximation.

L'intérét de cette mfthode (analogue quant @ son principe 3 celle proposfe par Carsen Yates ([l - 2]
est de tenir compte des effets de couche limite trds importants dans ce type de profil trds chargé &
1l'arridre od la couche limite & une Epailsseur maximum.

Les courbes stationnaires de coefficient de portance et de moment, C, et C,, en fonction de l'enver~
gure peuveat alors 8tre tracfes figures 5 et 6. On constate que le coefficient de purcance dépend fortement
de 1a déformfe locale due 3 la charge statique répartie. La faible Evolution du coefficient local C, avec
la charge est surprenante.

Le coefficient de portance local et le centre de pousafe par tranche ont fait l'objet de comparaison
entre calcul et essai sur un modéle rigide pour deux incidences nominales « = 0 et & = + 1°, Fig. 5bis et
6bis. Enfin la courbe 7 donne le coefficient 3 /ide portance instationnaire pour 2 sections 3 50 et 75 X de
1'envergure en fonction de l'incidence de r&férence. La variation est trds sensible pour des incidences
positives de 1'aile c'est-3-dire lorsque le vrillage fnitial décroft en fonction des charges croissaates.
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Fig. 5. Coefficient de portance et de moment Fig. 6. Coefficient de portance et de moment
de tangage en fonction de l‘'envergure. de tangage en fonction de 1l'envergure.
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. section 4 extrados section 6 (75%)
-section 6 extrados fsection 4 (50%)
M=0,78 ac, e
0,10(

Lo’
~3° -2° -1° 0 1 2°

Fig. ?. Bvolution de 3c_fda locale 3 incidence
nominale variabfe.

IV - ESSALS DE FLOTTEMENT

Pour illustrer cette influeance une demi maquette de flottement moutfe & la parol a &té réalisfe. La
voilure est du type supercritique, l'sllongement est de l'ordre de A - 9,2. Cette maquette est Equipfe
d'un réacteur permfable (figures 8 et 9). Les modes propres de la maquecte ont &t modifi€s par rapport @
1’avion de fagon A obtenir, par variation d'inertie, un flottement dans le domaine utilisable de la
soufflerie. Les essais ont porté en goufflerie essentiellement sur les Mach M=0,60 en bag subsonique sans
choc et sur le Mach de croisidre M=~0,78 X différentes incidences normales. A chaque nombre de Mach et
incidence of , le flottement &tait recherché par variation de la pression génfratrice de la soufflerie.

Le mod2le &tait construit comme une maquette de similitude, ayant une déformfe statique €fquivalente 2
celle de l'avion en croisidre pour des charges analogues, c'est d dire que les fléches de la maquette et de
1'avion &talent dans le rapport des &chelles A ce qui ¢'Scrit :

fu 4. (Megv S VE Can) Lo « EL,
)RS

JT ) (H.ta 3 q“S“ V: Cx._ o« EI..

4
Ce qui implique la relation : El. _\m (1)
EL Ta

avee JdcEm (Z)  indice m = maquette
- indice a = avion

avec l'hypothése que les forces de pesanteur restent faibles devant les forces de portamce, ce qui a &té
vErifi& sur cette aile.

L’avion &tait supposé voler 3 M = 0,78 et Z = 36000 pieds avec un Cx donné et une incidence «, correspon~
dante 3 celle du vol. La maquette tenant coupte de (1) avait les mmes €, et C, que l'avion ainsi que les
wémes dé&formfes statiques quelque soit a .

Fig. 8. Maquette montde & la paroi de 1la
soufflerie ONBRA S2Ma.

, mesure stable
+ mesure stable et instable

ag : 222 Section II
- -4

[

Fig. 9 bis. Moteur monté sur l'aile équipé de
Pig. 9. Gdomdtrie du réacteur. capteurs de pression.

Section I

Section III
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Un dispositif particulier (figure 10) permettait d'une part d'exciter la maquette & travers ces condi-
tions limites imposfes en flexion et torsion et d'autre part donmait la possibilité d'introduire automati-~
quement un amortissement positif sur un mode critique par 1'intermfdiaire d'une boucle de contrfle si un
risque de flottement apparaissait.

Dang le cas présent le couplage &tudié se faisait par 1'intermfdiaire du mode de flexion de la voilure
4 35 Hz et d'un mode de tangage du réacteur & 45 Hz qui induisait une torsion sur l'aile.

Des calculs préliminsires faits avec une wfthode linfaire de doublets (sans correction) avaient permis
d'obtenir une vitesse critique de flottement dans le dowaine de la soufflerie avec une marge suffisante
pour tenir compte des variations possibles dues aux non linfarités.

Enfin 11 est 3 noter que le flottement obtenu est sensible, par le calcul tout au moins, &
1'iatroduction ou non des forces afrodynamiques instationnaires sur le réacteur. Les essals ont montr§ qu'd
igso-~pression génfratrice et 3 Mach donné M = 0,78, 1'entrée en flottement est trés sensible & 1'incidence
globele de la maquette. Un choc apparaft ou non sur l'extrados de la maquette, d@ en sarticuller aux
déformations statiques.

La figure 11 donne la représentation, dans le plan des fréquences, de la densité de pulssance d'un
accéléromdtre situé en bout d'aile, en fonction de 1'incidence.

Oun constate que le couplage entre les modes de flexion de 1'aile et le tangage du réacteur est de plus
en plus violent lorsque l'incidence de 1l'aile diminue ce qui correspond & un dévrillage de plus en plus
faible de 1'aile.

Pour ¢ = - 0,7° le mode de flexion est trds voisin de 1l'instabilit& en flottement et pour of = - 1,5°
le systéme, sans boucle de contrfle, est instable. L'introduction automatique d'une loi de contrSle du
flot*emcut a permis 4 partir des résultats en boucle fermée d'obtenir la valeur de l'amortissement nfgatif
de la boucle ouverte ( £ = - 12°/00).

La figure 12 montre une représentation des paramétres de fr&quence et d'amortissement des deux prin-
cipaux modes couplés en fonction de la pression génératrice pour un nombre de Mach constant M = 0,78, Afin
de pouvoir poursuivre les essais dans le domaine instable d au flottemeat, un systéme de contr§le automa-
tique de l'armortissement a &té introduit (figure 13).

1. Maquette d‘aile

3 Demi-maquette "flottement"
2. Conditions de rigidité a 1'encastrement i

3. Axe de transmission A 0.8

4. Encastrement “infini" M= 0,78
5. Sgstéme de flector Tangage réacteur P{ = 1,5
6. Vérin hydraulique MAG a = 1,5°

Flexion aile
0.0

30.35 40. 45 50. 55. 60. 65. 70. 75 Hz
influence de l'incidgence

Pig. 10. Principe d'excitation et de sécurité a 1.4
travers les conditions limites
d'encastrement.
a =0
MAG

I [ wa=o0.78

)
L] .
Z Mode de tangage réacteur Flexion aile
8 0.0 -
5 50 30 35 40 45 50 55 60 65 70 75 Hp
3
o
40 1.8
129
£ ° EERE
8§82 MAG
[ I
N o
e
£w 40
o
2 L 0.0/
Pression génératrice (bar) 30 35 40 45 50 55 60 65 70 75y,
rig. 11 @ =-1,5¢
Pig. 12. Variation de la vitesse de flottement qg. .
fonction de 1'’incidence. Mesure impossible = flottement

e — —
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Tangage MA = 0.78| % = 1.5°
60} réacteur --

Lacet réacteur. P—_“ 0.4 bar
|

-~
N
z
@
o
-3
] ]
g Flexion a. 0.6 bar
...... @ 1.6 bar
“l - 0 0
N §A 0.5 1.0 2.0
/ Vérin hydraulique ] =3
S uo
(=3
Capteur ::.‘v o
£m 50 -
L I i
Filtre Phasd ) Pig. 14. Influence de la déformée élastique de
réjecteur - 1'ajile sur le flottement.
Entrée excitation G2
4 Fig. 13. Bloc-diagramme du systéme de contréle.

V = CALCULS TENANT COMPTE DES DEVRILLAGES LOCAUX

Les calculs corrigés par tranche par des coefficients quasi-stationnaires ont &t€ faits avec les hypo-
théses sulvantes :

a) Les corrections appliqufes ne dépendent pas de la fréquence réduite o, - .“‘_E
v

b) Les corrections £tablies & partir d'un mouvement de tamgage sont appliques 3 des mouvements de roulis.

c) Les corrections tiennent compte de l'angle d'attaque local et de la couche limite mais pas des effets
d'interaction entre tranchesa.

On a tout d'abord effectu€ trois calculs correspondants 3 trois déformations en envergure donafes par
trois cas de charges thforiques. L'incidence de ré&férence &tait de - 1,5° = o & Mach M = 0,78.

On constate figure 14 que pour les faibles pressions dynamiques le comportement de l'aile dépend peu
du vrillage. Au contraire pour les pressions dynamiques plus importantes, la vitesse de flottement &volue.
Elle est d'autant plus &levée que le dévrillage est important. La tendance fournie par l'essai est bien
retrouvée. Le dévrillage de 1'aile agit comme un terme astabilisateur au sens du flottement. Toutefois les
conséquences d'un dévrillage de 1l'aile variable avec la charge, ne saurait &tre pris uniquement en compte
comme paramétre agissant sur le flottement.

VI - INFLUENCE DU REACTEUR

Tout d'abord si on compare un calcul de flottement effectué en tenant compte ou en négligeant les
forces instationnaires du réacteur, on constate une influence non négligeable de celles-ci principalement
due au moment de tangage destabilisateur induit par les forces agissant sur les lévres du réacteur (figure
15). Le calcul est fait sur le réacteur avec une mfthode de doublets linaires.

Des essals récents ont montré que les coefficlents de pressions instationnaires sur un réacteur oscil-
lant Staient fortement non lin8aires avec l'incidence. Jusqu'd un nombre de Mach M = 0,70, les calculs et
les essais donnent un accord raisonnable pour des incidences de O 3 * 2,5°. La figure 16 illustre ce résul-
tat. On peut constater que seuls les 20 premiers pour cent du réacteur portent, d'autre part la partie
imaginaire pour cette fréquence réduite ), = 0,17 (corde de référence = longueur du réacteur) reste
faible. '

et " . cp Instationnaire
— = ormation #lastique svec tarces _ A e
sur te réoc teur Théona M=07 @z0t 20w WR:DY
- e Sans forces sur le réacteur Section 1t
2 Adsultats o essas 6
“ g0 | Tangage réacteur _} _ . __ _
8 4
(=1 .
g 50 | Lacet realcteur__“_ extérieur
o
P 40| et 2
= ‘Flexion aile ;
£ 0 + 0 0, x/¢
@~ bt S 1 .
g 8 20 £ o I
[ N .
2e Laget réacteur : . intérieur
‘l:m 40 +- - - C"
=4 P
g 80 Flexion aile__-z\g . «» essal M = 0,7

s «¢ pi = 0,9 bar
Pression génératrice (bar)

Fig. 15. Comparaison calcul ~ essais, calcul doudlets

Mach = 0,78, & = 0°. B .
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Fig. 16. Influence de 1l'incidence sur les
pressions instationnaires.
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Par contre & Mach 0,78 et M =~ 0,82, une partie du profil externe du réacteur devient supersonique
(figure 17). 11 en résulte des variations importantes avec l'incidence aussi bien dans le champ des
pressions inatationnaires que dans le coefficient de moment global instationnaire mesur€ par une balance
(f1g. 18). Par exemple entre o« = 0° et A = + 2,5° le coefficlent quasi-stationnaire varie de 0,25 3 0,32

(C""Iq/lv

t
x ’2—'1!) L'augmentation des coefficients instationnaires, due au mouvement An
référence «

téacteur, avec l'incidence joue un rSle destabilisateur. [1 faut noter que dans cette &tude 1'influeance du
fan et de la poussée du réacteur ont &té négligées en premidre approximation.

"
cp T M= 0,78 pi = 0,9 bar f = 20 Hz
- cp 4z 0,5°
o 0,1 l/’:; N
0,2 x/e .
X 5- .

-14 \xg

rig. 17, Influence de 1'incidence sur les
pressions instationnaires.

t
1 M
Modulus | 55!
Wpor ¥ Quasi-instationnaire
v,—;‘;=‘-"=013ﬂ :":2.5“
a . go
0,3+ . . .
0.2
a.1f
L Mach
0 0. 06 0,1 0,8

Fig. 18. Variation du coefficient de moment
instationnaires (mi-corde) avec le
nombre de Mach et 1vincidence
statique.

VII ~ CONCLUSION

Une &tude de 1'influence, sur le flottement, de l'angle d'incidence d'un avion de transport civil
moderne en vol, & son Mach de croisidre, a §t& développée.

Plusieurs effets non linéaires r€sultent de ce paramdtre. Tout d'abord le dévrillage en eunvergure de
1'aile avec l'incidence positive crolssante entraine un recul de la [i{mite du flottement pour un nombre de
Mach et une pression dynamique donnée.

La connaissance exacte de la déformation sans charge est un paramétre important 4§ introduire dans les
calculs. D'autre part les théories linfaires (type doublets), corrigles par tranche des valeurs mesurfes
des coefficients de portance et de moments instationnaires, améliorent de fagon sensible la comparaison
calcul-essai.

Les méthodes de calculs plus Elaborfes telles les petites perturbations transsoniques qui prennent en
charge les déformfes de l'aile, donnent la méme tendance.

Eufin on a montré que les forces instationnaires sur les réacteurs doivent &tre prises en compte par
des oéthodes non linéaires. L'effet d'incidence positive sur un réacteur joue un r§le défavorable au
contraire du dévrillage de 1'aile qui tend 3 restabiliser l'aile, qui aurait une tendance au flottement
(ceci €tant uniquement valable pour un nombre de Mach et une pression dynamique donnés).
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INFLUENCE OF THE STATIC DEFORMATION ON A WING IN THE UNSTEADY AERODYNAMIC

by
R. Destuynder
Office National d'Etudes et de Recherches Aérospatiales
Chdtillon
92320
France

ABSTRACT

The modern civil transport airplanes, with large aspect ratio, like B 767 or AIRBUS, show even in
cruise condition, important static deformations characterized essentially by an induced torsion due to
the wing sweep angle.

This deformation principally important at the wing tip modifies the flow around a supercitical
profile, very sensitive to the local incidence.

The deformation influence on the flutter phenomenon was proved by wind tunnel tests on a elastic
model.

A series of flutter calculations using semi-empirical corrections, extracted from wind tunnel tests,
was undertaken to reduce the existing difference between theory and experience.

I. INTRODUCTION

The modern large aspect ratio civil transport airplanes in cruise conditions (like B 767 or AIRBUS)
exhibit important static deformations in bending and torsion along the span (this last deformation
resulting mainly from the coupled effect due to wing sweep).

These deformations which are important mainly at the wing tip, modify the flow around a
supercritical profile which is senaitive to the local twist angle particularly as far as the shock
position 13 concerned.

Regarding the flutter phenomenon, the generalized unsteady aerodynamic forces, calculated with the
Structure normal modes, show a great sengitivity to the wing tip static twist which thus gives a ma jor
contribution to the generalized forces.

The present paper considers mainly the influence of the static deformation, due to steady loads, on
the flutter problem.

The non-linearity of the unsteady forces on an engine as function of the global incidence will also
be considered.

IX. NATURE OF THE PROBLEM

First we have evaluated, with wind tunnel tests and calculations, the magnitude of the aeroelastic
deformation of a large aspect ratio wing with a supercritical profile corresponding to a modern transport
airplane.

By the Rayleigh Ritz method, the elastic deformation of a flexible model under steady air loads was
estimated, using wode shapes, generalized masses and stiffnesses. Calculations have been made at constant
Mach number (Mach = 0.78) and reference angle of attack (& =+1.5° and & = -1.59,

The wing twist corresponding to different flight altitudes has been achieved. The figures 1 and 2
show the variation of streamwise elastic twist angle with the span.

- v T 30 ~ ———— -
w | ma-o.78 a = 1.5 72 0 bar [ TMa <078 o =o1.5e ]
< L R " (with -
. 30 (ux(tno:to;aind) g 2 P s o0 bar
N o rithout wind)
32 SRS T n= 0
- 3. | P
5 \ ‘*o\P':JO.E bar E H _‘O__’,._Ql
S
g ¢ I y S -1 - P = 0.8 bar
» P = 1.6 bar & i
2 -1 — L-— - -2 P = 1.6 bar
2 a
= 5
2 — - & - - - -
0 0.5 1.0 Q 0.5 1.0
Wing span n Wing span n
Pig. 1. Blastic twist deformation, streamwise Fig. 2. Elastic twist deformation, streamwise
direction, versus span. direction, versus span.
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The local twists are calculated from the jig shape without loads.

The first curve of the figure 1 corresponding to P = 0 shows the wing twist due to gravity forces
only. The resulting twist angle is positive, i.e. its contributions gives a downward deflection to the
trailing edge and an upward deflection to the leading edge.

The variation of local twist with the span (T given by the gravity forces is, of course,
independent of the wing reference incidence (here @ = +1.5° or @ = -1.5°), The lift forces corresponding
to given CL and Mach number are, after that, added as function of the dynamic pressure q = } ¢ vt

These forces tend to make the deflection upward at the trailing edge and downward at the leading
edge. The twist curves are calculated for two CL values.

The local twist calculated with a fastly convergent iteration method has been compared to experiment
on a dynamic model tested in the wind tunnel (figures 3 and 4).

The figure 3 shows the trailing edge displacement calculated and measured with the same wing load
conditions. The figure 4 gives the local wing twist A8 resulting from the loads. The comparison is
satisfactory.

18
. A\
by
3!
Z(m}
! 2:
0.1 l Th Tests 14t
. eory
0.05 A
Ob- e — S +
0.14 = 1 y(m) - in=2y/b
IS -1 . y
| - SN
Pig. 3. Dpéformation of the trailing edge Pig. 4. Evolution of the twist angle versus
versus span theory - tests. (cruise span  theory - tests., (cruise con-

conditions)} ditions).

III. CALCULATION OF THE CL and CM coefficient

The second part of the study consists in deriving the unsteady 1ift and moment coefficient for
differ:nt local incidences from wind tunnel tests performed on a model having a deformation similar to
the wirg of an airplane flying in cruise conditions.

The following assumptions have been made @

- The local loads and local deflections are proportional,
- The strip analysis is taken as first approximation.

The interest of the method (similar to the modified strip analysis of E.C. Yates Jr. [1, 2]1) applied
to a 3-D theoretical subsonic method is to take account of the boundary layer effects which are very
important for this kind of profile, with important loads near the trailing edge where the boundary layer
has a maximum thickness.

The curves of steady lift and moment coefficients CL and cM versus span can be estimated (figures S
and 6).

It can be seen that in addition to the Mach number and the global incidence, the 1lift local
coefficient is strongly depending on the local twist resulting from the load.

2
@=34PV = ppgy ).
In the same manner, the small variation of the local C“ coefficient is surprising.

The local lift coefficient and the center of pressure have been an object of comparison between
tests and calculation on a rigid model for 2 gl%bal incidences @ =z 0 and @ = +1° (figure 6 bis). Finally
c

2
the curve 7 shows the unsteady 1ift coeffi-ient 3o for 2 sections at 50% and 75% of spanwise location as
function of the nominal incidence. ®

The variaton 13 very sensitive for positive incidences of the wing that is to say when the twist
decreases with the loads.
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Fig. 6 bis. Center of pressure as function of .
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Fig. 7. variation of the unsteady life
coefficient with the incidence.

Iy. FLUTTER TESTS

To illustrate this influence, a half wing flutter model has been built and tested. The wing has a

supercritical profile with ar engine (without fan and no thrust) (figures 8 and 9).

The eigen modes have been modified, compared to the airplane to obtain a violent flutter in the

useful domain of the wind tunnel. The tests are performed at Mach number M + 0.60 (in subsonic flow
without shock) and principally in the cruise conditions (Mach number M = 0.78) for different local

incidences.




' .

11-12

Pig. 8. Half flutter model mounted at the 52
wind tunnel wall. e
- - Accelerometers

. steady measurement
» steady + unsteady measurement

Sectjon I
Section II‘]}\\\\
‘, M ‘
. oo . T

.\ D
(I s N //

LRSS
Section IIT

Fig. 9 bis. Bngine mounted under the wing
equipped with pressure pickups. Fig. 9. Bngine geometry.

For each Mach number and nominal incidence, the wind tunnel stagnation pressure was varied to reach
the critical flutter condition.

The model was built like a Mach scaled model exhibiting static deflection equivalent to the airplane
deflection for similar loads.

1
The model and airplane deflections were related by the scale ratio h = TE'
a

g, L = medel deflection.

am Mg+ 9y 5, V; CLn’ Y Ba La

Ta - [ -
Hag +a, SA Vi CLA 1 E:m Iy = airplane deflection.
This is signifiant if EM z EA (elasticity modulus)
EL Q
B B (@)

EIA Y

1
ﬂm*:iﬂ;%,%,%,%,%:mwﬁdnm
A

EA, IA, SA' VA’ MA : airplane data.

with the assumption that the wing gravity forces remain small compared to the 1ift forces (that is
particularly true for the model).

The wmodel, taking into account (1} had the same CL and C, on the airplane and the same static
deformations for all the values of @ but mode shapes were different.

A special device (figure 10) was used to excite the model through the root (fixed in bending and
torsion) and also to introduce automatically a positive aerodynamic damping by means of an active control
loop, if a flutter risk appears.

In the present case, the main coupling involves the first wing bending mode at 37 Hz and the pitch
engine mode at 45 Hz which induces a wing torsion.

Preliminary calculations, performed with the doublet lattice method (without correction) gave a
eritical flutter speed within the wind tunnel domain. The margin being sufficient to take into account
possible variations coming from the non-linearity of the phenomenon.

Finally, it is to be noticed that the computed flutter characteristics are signifiantly modified by
the introduction of the unsteady aerodynamic forces on the engine.

The figure 11 shows the power spectral density for an accelerometer located at the wing tip, for
several values of the mean incidence (reference incidence a).
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We can notice that the coupling betwsen bending wing mode and engine pitch becomes more and more
violent when the wing incidence decreases, 1.e, when the local untwist becomes smaller.

For o g = =0-7°, the bending mode is close to flutter unstability and for g = -1.5°, the system is
unstable without control loop.

The automatic introduction of a flutter control law makes possible to use close loop measurements

and to derive the negative value of the damping corresponding to the open loop configuration (damping in
open loop equal to -1%.).

The figure 12 shows the frequencies and damping for the two principal modes versus the wind tunnel
stagnation pressure at constant Mach number M = 0.78.

In order to make possible to achieve the tests in the unstable domain, an automatic control device
was introduced (figure 5).

1. Wing model Flutter half model
2. Root stiffneases conditions 0.8
3. Shafting

4. Clamped conditions ‘ror;sdion M= 0.78
5. Flector system moge PL = 1.5
6. Hydraulic actuator MAG a = 1.5°

Wing bending
mode

.0 -
30, 35. 40. 45, 50. 55.60. 65. 70. 75. Hz

- Y, - ' Influence of the incidence
<o N 1.4 a on the flutter

0

= Q
Fig. 10. Bxcitation principle through the root MAG
conditions.
0.0
30 35 40 45 S0 55 60 65 70 75 Hz

S ] R = 0.78 (ui 1 1.8
o Piten engine mode MA = 0.78 (without control) .
> N .
g a=0.7
3 MAG
o
v
|5
.
3 0.0} _ a
§ 30 35 40 45 50 55 60 65 70 TS5 Hz
° a=z-1.5°
- Fig. 11. Measurement impossible = flutter
2
% St;g‘nar..ion pr;es;ure (bar) 4 Fig. 12. Variation of the flutter speed versus
o

incidence a.

V. CALCULATIONS TAKING INTO ACCOUNT THE LOCAL TWIST

The unsteady aerodynamic forces used in the calculations were modified strip by strip using quasi-
steady experimental coefficients.

The following assumptions were made :

a) The applied corrections are independent of the red d fr

wl
q y = =
“r v

b) The corrections derived from a pitch oscillation are alsc valid for a roll motion.

¢) The corrections take into account the local twist angle and the boundary layer but ignore the
interactions between the strips.

The first three cases which have been computed correspond to spanwise deformations given by three
theoretical load cases. The reference incidence angle was g = ~1.5° at Mach number M = 0.78.

Figure 14 shows that for small wind tunnel stagnation pressure the influence of the loads (i.e. of

the deformation) remains small. On the other hand, for the large stagnation pressures, the critical
flutter speed varies.

The speed increases with the pressure that is to say with the untwist. The system is more and more
stable when the local twist angle decreases.

VI, Nevertheless the untwist parameter of the wing is not the only parameter acting on the flutter speeq.

R U ~ ST




—— - - P ——— v
11-14
= = 1.59
~ 60 }Pitch engine o
>
o
§ 50 | Yaw engine bar
a e A et
£ 4o | ¥ing bending ] 1P oar
T e 50 1P bar
X o
P;:it::nd F—v————- - \\,\.A Hydraulic actuator & 2.0
/ r“ S 20 ___ Stagnation
Control pickup - - pressure {bar)
w 40 -
<
E 60
]

Notch

Phas€
filter hase

Excitation input ——|G2 <« Fig

Engine influence
First,
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of
the wing on the flutter.

13. Bloc-diagram of the control loop.

if we compare a flutter calculation with or without the unsteady forces on the engine, we

notice a signifiant influence which is related to the aerodynamic destabilizing moment due to pressures
acting on the engine lips (figure 15) (calculations are made with a doublet lattice method).

Recent tests show that the unsteady pressure coefficients measured on an oscillating engine are

strongly variable with the unsteady incidence.

Till Mach number M = 0.70 tests and linear calculations agree reasonably for the incidences from 0

to 2.5°.

This result is shown by figure 16.

It is possible to see that only the first 20% at the front of the engine give a lift effect ;

the

imaginary part for the reduced frequency uy = 0.17 remains small (the reference chord being the engine

length).

On the other hand, at Mach number M = 0.78, the pressures on the external part of the engine become

supercritical (figure 17).

From this point, important variations with incidence are noticed in the unsteady pressure field, as

well as, in the unsteady global moment measured with a balance

N

z Pitch engine .

5, 60 —t —

g e

€ 50| faw engine
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Pig. 15. Comparison theory - tests, L ;

Mach = 0.78, @ = 0°.

~ Elastic deformetion with
engine forces

<o - Without forces an the engine

Tests results

Theory

®ig. 16. Comparison theory - tests pressure
distribution on the pitch oscillating
engine.

For example,
0.32.

(figure 18).
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w
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6
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2
-
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0

ee Theory doublets

*. internal engines.«

0,1 x/¢

0.2

A external
engine *-°

0,51

between g = 0 and q = +2.5° the quasi-steady moment coefficient varies from 0.25 to




11-15
M=0,78 pi = 0,9 bar f =z 20 Hz .;
cp
xXag=0 8a = 0,5° . 0.1 —
z =1,5° ﬁ__/ﬁ
51 C il — 0.2 /e
. x
/“\ —
S i
\\
X3 -t
0 4 +
0.1 0.2 x/c

Pig. 17. Influence of the static incidence on
the unsteady pressures.

Quasi-steady Pi = 1.6 bar

P E t . °
vref =¢ 20,3 Modulus qu;er —;%—]- o= %;5
0.34 . .
0.2+ )
6.1,
oba . ) .
0.5 0.6 0.7 0.8 Machn

Pig. 18. Evolution of the unsteady moment
coefficient (mi-chord) versus incidence
@& and Mach number,

(c. - 1 a M‘)
m Q. Aa
reference

The increasing value of the unsteady engine Cm pitch coefficient with the incidence has a
destabilizing effect,

It is necessary to notice that in this study, the fan and engine thrust effects are not taken into
account.

VI1I. CONCLUSION

An investigation of the variation of the flutter characteristics with incidence of a modern civil
airplane in cruise flight conditions has been carried out.

Different non-linear effects have been found.

First, the spanwise untwisting effect associated to positive incidences tends to increase the
flutter limits for given values of the Mach number and the dynamic pressure.

An exact knowledge of the wing deflection due to static loads is necessary to make the calculation
valid.

The linear theory modified by the strip theory using experimental 1ift and moment coefficients
improves the comparison between tests and theory.

More sophisticated calculations like the small transonic perturbations which take into account the
local wing twist give the same tendency.

Finally, it was shown that the unsteady aerodynamic forces on the engine must be taken into account
by non-linear methods.

The effect of a positive incidence on an engine has an unfavourable effect opposite to the wing
untwist which tends to restabilize the aystem.
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MESURE DES DEFORMATIONS DES MAQUETTES EN SOUFFLERIE

par MM.CHARPIN - ARMAND -~ SELVAGGINI
Office National d'Etudes et de Recherches Afrospatiales (ONERA)
92322 CHATILLON CEDEX —~ FRANCE

RESUME -

La Direction de la Physique générale et la Direction des Grands Moyens d'Essais de 1'O.N.E.R.A.
ont défini, mls au point et expérimenté des mEthodes et moyens d'essal qui permettent de déterminer avec
une précision satisfaisante les déformations sous charges aérodynamiques et masgiques de la plupart des
maquettes essay&es en soufflerie.

Les techniques utilis&es font appel :
~ 3 la photographie de mires réfléchissantes,

~ 3 la mesure faite par un torsiomdtre 3 failsceau laser de 1'angle entre le fafsceau fincident et
le faisceau réfléchi par une mire rétro—diffusante polarisée,

~ & la poursuite par un détecteur optique de position de sources lumineuses créées par des fibres
optiques,

~ au calcul de déformée, 3 partir de mesure de contraintes sur une maquette.
Ces différentes rfichodes d'essal, utilisées de manidre industrielle dans les grandes souffle-
ries permettent aux constructeurs de s'assurer que leurs maquettes se comportent bien sous charges selon

leurs prévisions ; les développements en cours devralent permettre § terme d'accroftre les précisions de
mesure alnsl que la rapidité& d'accéds aux résultats d&finitifs.

MEASUREMENT OF MODEL DEFORMATIONS IN WIND TUNNELS
ABSTRACT -

The Physics and Large Testing Facilfties Department at ONERA has defined, developed and tested
means and methods for determining with satiasfactory precision the deformations most wind tunnel-tested
models undergo under aerodynamic and body loads.

The techniques used are :

— photography of reflecting patterns

—~ torsiometer measurement of the angle between the {incifdent and reflected laser beam on a
polarized back scattering target

— tracking the position u! wal fiber light sources with an optical detector

— computation of the strain from stress measurements on the model.

With these various test methods, used undustrially {n large wind tuanels, manufacturers can
insura that the their models behave correctly as predicted under load. The developments under way should
make {t possible in the end to i{ncrease the accuracy of the measurements and reduce the time needed to
obtain the final results.

1 - INTRODUCTION

I1 y a dé)3 bien des annfes que les constructeurs se sont souclés de donner aux maquettes passant en
soufflerie les formes que prennent les aéronefs réels en vol sous charge, car les performances de ceux-ct
peuvent &tre notablement altérfes par des modifications de géométrie qui semblent a priortl mineures ;
1'incidence ou la forme d'un profil au voisinage du bord d'attaque sont par exemple des paramdtres qui
fnfluent cons{dérablement s.r les répartitions de pressfon asutour de ce profil. La prévision de ces for—
mes au niveau du projet n'est pas aisfe et leur restitution sur la maquette est rendue tréds difficile
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compte tenu des nombreux cas de vol 3 explorer et de la différence trds i{mportante de structure qul exis—
te entre l'afronef et la maquette. Les cas les plus difficiles 3 blea représenter sont probablement ceux
ol les structures font appel aux matériaux composites (fibres, r&sines) et qui sont soumises & des
efforts centrifuges.

Dans la plupart des cas, la forme de la maquette est calculée pour un cas de wol en tenant
compte de la différence de déformation qui existe entre le vol et l'essal en soufflerie. Cecl é&tant, {1
est {mportant de vérifier que les d&formations obtenues en soufflerie sont bien celles qui &tafeat
prévues ou du moins qu'elles s'en Bcartent tréds peu. C'est dans ce but que 1'G.N.E.R.A. g développé ces
dernidres années des méthodes de mesure de déformation en cours d’essal avec vent, adaptées aux diffé—
reats cas d'essais.

Ce document recense et présente les différents types d'essals effectués au centre O.N.E.R.A. de
Modane-Avrieux dans lesquels ont &été effectivement mises en oeuvre des techniques permettant de mesurer
la déformatfon des maquettes ou parties de maquette ; la plupart de ces techniques font appel & des
méthodes optiques qui ont &t& développées par la Direction de la Physique Générale de 1'0.N.E.R.A.

De nouvelles withodes de mesure des déformations sont actuellement en cours d'tude &
1'0.N.E.R.A., notamment au Centre d'Etudes et de Recherches de Toulouse, et ont dé1d donné& des résultats
prometteurs. N'ayant pas encore &té appliquées en soufflerie, elles ne sont pas présentes dans ce docu~
ment.

2 - MESURE DE LA DEFORMATION GLOBALE D'UNE AILE ET D'UN SUPPORT DE MISSILE

Le probldme consiste en la mesure de la déformatfon globale d'une aile et d'un pod support de
misgile 3 M = 0,95 dans la veine transsonique de la soufflerie S2MA de section 1,75 x 1,77 m%, nes mires
cétrodiffusantes sont placées sur 1’avion pour donner la référence de la mesure et sur le missile. Les
mires ont une &paisseur de 0,11 mm. Elles sont constituées d'une pellicule adhBsive recouverte de billes
de verre de diamétre voisin de 50 microns leur conférant des propri&tés catadioptriques : quelle que solt
1'incidence du faisceau sur la mire, les billes reavoient la lumidre vers sa source. Une conséquence
directe de cette particularité est que pour photographier les mires, il faut {mp&rativement que la source
lumineuge qui les &claire soit place 3 proximité immédiate de 1'axe de prise de vue. La divergence du
falgceau rétrodiffusé est de 1'ordre du degré, et le flux lumineux qu'il transporte varie de moins de 10%
lorgque 1'incidence du fatsceau sur la cible croft de 0 & 40°. Une photographle est faite sans vent 3
1'incidence désirée (25 degrés dans notre cas) puls une autre 3 M = 0,95. La superposition des deux {ma-
ges en prenant comme rférence les mires places sur 1'avion donne dfrectement la déformation recherchée.
On notera que dans le cas présenté 1lci (figuresl.2) la déformation n'est pratiquement qu'une translation.
Cette technique de mesure aisément mise en oeuvre permet d'obtentr des Fldches avec une précision de
40,2 ma (sur les 12 mm mesurds) et une précision sur 1'angle de torsion de + 0,1 degré.

PHOTO 17

PHOTO 2

(Fig. 1) DEFORMATION GLOBALE DUNE AILE ET D'UN SUPPORT DE MISSILE
(SCHEMA)
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(FIG. 2) DEFORMATION GLOBALE D'UNE AILE ET D'UN SUPPORT
DE MISSILE (PHOTO)

3 ~ MESURE DU DEVRILLAGE D'UNE PALE

Le probléme consiste en la mesure du dévrillage d'une pale d'une hélice transsonique de 1 m de
diam@tre pouvant tourner 3 5000 tr/mn, placée & M = 0,75 dans la veine d'essal de 8 m de diamétre de 1la
soufflerie SIMA du centre de Modane-Avrieux (figure 3). Pour ce faire, des mires rétrodiffusantes sont
collées sur le saumon d'une des pales et sur le carénage fixe. Il y a deux mires sur le saumon, l'une
vers le bord d'attaque, l'autre vers le bord de fuite ; la drolite les joignant définit une corde. Le
réseau de mires placé sur le carénage fixe permet de définir le triddre de réffrence dans lequel sera
déterminé le calage global du saumon ¥ résultant de la somme du pas de 1'hElice et de son dévrillage
(figure 4). Un apparell photographique placé sous le plancher photographie les mires lorsqu'elles sont
éclairfea par 1'8clair d'un stroboscope d&clench&é par un dispositif 116 3 la partie tournante. Cing
photographies sont prises pour chaque point de mesure. La durfe de 1'éclair du stroboscope calcule au
1/3 de 1'intensité maximale de son pic est de 1,2 8 ce qui donne un flou de 0,3 mm pour une vitesse de
rotation de 5000 tr/mn. Un exemple de photographie prigse en essai est donné en figure 5. Son exploitation
est faite sur un récepteur grossissant &quipé de deux réticules mobiles qui permet d'obtenir les distan-
ces X1 et Y1 (figure 3) avec une précision de 1 0,1 mm. La comparaison des calages globaux obtenus avec
rotation de 1'hélice durant deux essals (avec et sans vitesse d'&coulement amont) et en tenant compte des
affichages du pas permet d'accéder aux angles de dévrillage des pales de 1'h&lice avec une précision de
+ 0,25 degré.

€ 14009

(Fig. 3) MONTAGE D'UNE HELICE TRANSSONIQUE DANS LA VEINE
D'ESSAI DE SIMA
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(Fig. 4) MESURE DE DEVRILLAGE D'UNE PALE

Mires d'extrémité
de pate

Mires fixes

(Fig. 5) EXEMPLE DE PHOTOGRAPHIE PRISE EN ESSAI

4 ~ DETERMINATION DE LA DEFORMATION DU BORD DE FUITE D'UNE AILE
ET_DE_SA TORSION GLOBALE MESUREE SUR SON SAUMON D'EXTREMITE

Les mesures sont faites sur 1'aile d'une demi-maquette d'avion civil mont&e au plancher de la

veine d'essai n° 1 de la soufflerie SIMA (voir figure 6). L'essal est conduit dans une gaome de Mach
comprise entre M = 0,5 et M = 0,8, et pour des incidences comprises entre O et 3,5 degrés. La demi-

envergure de la maquette est de 3,80 m.




C13772
{Fig. 6) DEMI-MAQUETTE MONTEE AU PLANCHER DE LA SOUFFLERIE S1MA

4.1 - Mesure de la déformation du bord de fuite

Le bord de fuite de la maquette est &quipé de 11 mires r8trodiffusantes num&rotées de 0 3 10
(voir figure 7). La mire O sert d’ori{gine pour 1'explofcation des photographies (voir figure 8).

Deux mires réfléchissantes A et B placées au vols{nage de la voilure permettent de définir avec
précision sur chaque cliché le systéme d'axe par rapport auquel les mesures sont effectufes (voir figure

L'appareil photographique associé 3 sa torche flash est placé dans un calsson au début <1 dif—
fuseur de la soufflerie (voir figure 6).

La restitution se fait sur un apparefl de projection &quipé de deux réricules orthogonaux liés
3 un dispositif automatique de numérisation donnant les coordonnées X et Y de chaque mire par rapport 3
1’origine des axes (mire A, B et mire 0). Un dessin représentant 1'image wvue sur 1'écran de projection
est présenté sur la figure 8.

la déformation brute du bord de fulte de la voilure est obtenue en faisant la différence des
coordonnées des mires obtenues au cours d'un essal avec vent et au cours d'un essal sans vent. Cette
déformation brute est ensulte corrige de la déformation en roulis de 1'ensemble dynamométrique qui mesu—
re les efforts aérodynamiques sur la maquette.

La figure 9 présente 1'&volution des déformations du bord de fuite de la voilure en fonction de
son envergure relative pour cinqg nombres de Mach A une incidence de 2 degrés. A c6té& du repérage du nom—
bre de Mach est porté le produit Qo x Cz qul représente la charge spécifique moyenne sur la voilure ; si
les courbes avalent &té tracées en valeurs réduites déformation elles auralent &ré pratiquement

Qo x Cz
confondues ; la voilure se comporte comme un systéme &lastique sur lequel la répartition des charges est
peu {nfluencée par 1'&volution du nombre de Mach.

100%

(Fig. 7)POSITION DES MIRES SUR LE BORD DE
FUITE DE LA VOILURE

_—Plancher de la

2 Fuselage .~ veine dessai
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Chaque courbe de la figure 9 est en fait définie par la moyenne de 5 clichés consécutifs dont
la dispersion donne une 1d&e du niveau de vibration de la voilure ; la figure 10 montre pour M = 0,5 et
M = 0,8 les &carts créte 3 cr@te relevés le long de 1'envergure. Ces &carts créte 3 créte croissent avec
1'incidence (non montré ici) et avec le nombre de Mach pour atteindre 8 mm au niveau du saumon d'extré&mi-
té de voilure 3 M = 0,8.

4.2 ~ Mesure de la torsion globale d'une aile mesurfe sur son saumon d'extrémité

La mesure de la torsion de 1'aile est effectufe 3 1'afde d'un torsiomdtre dit OP-BBT associé &
une cible rétrodiffusante polarisée collée sur l'extrémité de la voilure. L'adaptation de 1‘appareillage
de bagse aux essals en soufflerfe a fait 1'objet de travaux trds fimportants mends 3 bien par la Direction
de la Physique G&nérale de 1'0O.N.E.R.A. [1].

4.2.1 - Principe de la_mesure

Le détail de la techaique de mesure atnsi que les précautions 3 prendre pour obtenir une bonne
précision sont décrits dans le document précité ; nous ne donnerons ici que le priacipe de fonctionnement
du torsiomdtre.

Le torsiomdtre est constitué d'un &metteur récepteur et d'une cible rétro diffusante polarisée
collée sur le saumon d'extrémité de voilure (voir fig. 11).

L'émetteur récepteur comporte un laser dont le faisceau incident polarisé par un prisme
polariseur tournant &claire la cible 3 travers une bobine de Faraday qui module le plan de polarisation.
Le principe de la mesure est le suivant : la cible &tant éclairée, an fait tourner le prisme polariseur
de manidre 3 obtenir 1'extinction du faisceau r&fléchi. Cette position du prisme polariseur dé&finit
l'origine des mesures angulaires. Si maintenant la cible tourne d'un angle o {1 faudra faire tourner le
prisme polariseur d'un angle o« pour obtenir 3 nouveau l'extinction. La mesure de la position angulaire
du prisme polariseur permet donc de définir les angles de rotation de la cible polarisée. Une bobine de
Faraday placée sur le faisceau {ncident et alimentfe en courant alternatif module l'orientation du plan
de polarisation de ce falsceau.Cette modulation permet de générer le signal d'erreur qui sert 3 asservir
la position du prisme polariseur tournant 3 la position de la cible. Cette présentation condensée de la
technique de mesure ne doit pas falre oublier les difficultés rencontrfes au cours de la mise au point ni
les recommandations essentielles suivantes :

CIBLE COLLEE SURIAMAQUETTE ~ EMETTFURRFCEPTEUR

PRI POLA T ANT
OUCHE POLARISEE SME POLARISEUR TOURN

\}T "?RANSPARENTE

{ i s in Gk
o E\ 0 urn b 4 LASER
i < ] N He Ne Smw
. - [y -

Pt PHOTO 1~ &

- iy MOTEUR

// ez 0.6mm ETECTEUR CODEUR
REFLECTEUR SCOTCHLITE
ANALYSEUR MESURE NUMERIQUE

(Fig 1'1) TORSIOMETRE

- travailler sans hublot, ni miroir entre 1'émetteur et la cible ;

—~ positloaner 1'émetteur et la cible de manidre 3 n'avoir que de falbles angles du faisceau incident sur
la cible ;

—~ trier les cibles pour avolr une bonne planéité et une bonne uniformi{t& du plan de polartsation ;
—~ positionner le rayon incident toujours au méme endroit sur les cfbles.

4.2.2 — Implantetion du torsiomdtre dans_la soufflerie

La maquette mont8e au plancher de la soufflerie est &quipfe de deux cibles rétrodiffusantes
coll8es 1'une sur le saumon d'extrémité d'alle, 1%autre sur le fuselage. Cette dernidre sert de
référence ; c'est la différence d'angle de torsion entre ces deux cibles qui doanne 1l'angle de torsion
global de la voilure. Le torsiomdtre monté sur une platine articulfe suivant deux axes orthogonaux est
fix€ au plafond de la veine d'essai (figure 12). Cette disposition et ce montage permettent de position—
ner successivement le falsceau laser sur chacune des cibles quelles que soient les variations de posi-
tlons de celles—ci (fonction de 1'incidence de la maquette et des déformations) avec de faibles angles du
faisceau incident sur les cibles. Le polntage du faisceau laser sur les cibles en utilisant la plattine
articulée télécommandée se fait 3 1'aide d'une caméra vidéo.
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~Support motorisé pour
le pointage sur les cibles

VENT

Cible de référence

(F1g 12) IMPLANTATION DU TORSIOMETRE DANS LA SOUFFLERIE SIMA

Des mesures d'angles sont faites sans vent pour les différentes positions géométriques de la
maquette (correspondant aux positions prises par la maquette quand on fait varier son incidence) ; 1la
différence entre les mesures avec vent et celles sans vent faites dans les mémes conditions donne les

angles de torsion sous charge.

4,2.3 - Résultats

La figure 13 montre 1'évolution de l’'angle de torsfon en fonction de la charge de portance sur
la voilure ; c'est approximativement une droite. Les groupes de points donnent une idée de la dispersion
des mesures.

o 2500 5000 Zz
[ >
(daN)

-05 . (F1g 13) EVOLUTION DE LA TORSION

-4 4

TORSION |, (deq-é)

4.3 - Validité des r8sultats obtenus

La platine articulée nécessaire 3 la poursuite des cibles dans le paragraphe 4.2 est &quipée de
potent iomdtres permettant de restituer la position du saumon d'extr&mité de la vollure. La difffrence de
positionnement avec et sans vent donne la déformation globale du bord de fuite de la voilure qui est com—
parSe dans le tableau ci-dessous aux résultats obtenus par la technique photographique du paragraphe 4.1.

Mach 0,5 0,7 0,74 0,76 0,8
Photo bord de fuite 3o 51 58 63 73
_(mwire n® 10) mm
Platine 30 55 60 65 75
‘de poursuite AJ
om
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Ces valeurs sont assez voisines pour qu'une confiance raisonnable se dégage des résultats obte-
nus.

La torsion de la voilure a aussi &té mesurfe, en utilisant la technique photographique du para-
graphe 4.1 précédent, pour le point le plus chargé ol 1'angle de torsion est de - 1,3 degré. Les huit
clichés exploités dounent des valeurs de 1'angle de torsion compris entre — 1,17 et - 1,34 degré, qui
entourent bien les mesures effectufes avec le torsiomdtre.

4.4 ~ Comparaison calculs — essais

L'Aérospatiale avait calculé les déformations qui devalent &tre observfes sur la maquette en
essal. La figure 14 montre la comparalson entre les calculs AS et les mesures faites en soufflerie. La
concordance est tout 3 fait satisfaisante.

D7 Vord da Fu.te
TORSIOI\: (deged) 5
1.2 Calculs AS 0.03
+ Essai a SIMA
4
0.8 0.02
Torsion-
0.6
O 0.04
< -Déformation du
01 bord de fuite
02 O 0.6 038 1 9= _B‘ﬁ-

(F1g. 14) COMPARAISON CALCUL - ESSAI

5 —~ DETERMINATION DE LA DEFORMATION DU BORD DE FUITE D'UNE VOILURE
A LTAIDE D'UN DETECTEUR OPTIQUE DE POSITION

La connaissance précise de la position d'un peigne de sillage par rapport 3 la voilure d’une
maquette placée 3 son amont a nécessité la mise au point par la Direction de la Physique de 1'0.N.E.R.A.
d'un détecteur optique de position [1] [2] [3]. Cet apparell qui, associ& au mécanisme de déplacement du
pelgne, est capable de poursuivre pas 3 pas différentes sources lumineuses, a donnd en complément de sa
fonction d'origine la déformation du bord de fuite de la voilure.

La description détaillée du fonctionnement du détecteur optique ains{ que sa validation en

laboratoire sont données dans [1], nous ne pré&senterons fci que son utilisation dans le cadre d'un essal
effectué sur une maquette d'avion civil montée dans la veine d'essail de la soufflerie SIMA.

5.1 — Description de 1'équipement et de son fonctionnement

La maquette et son peigne de sillage sont montés sur le méme dard support ; le mécanisme de
déplacement du peigne supporte aussi le détecteur optique (figures 15 et 16) et peut se déplacer suivant
les 3 axes de coordou.ées rectangulaires X, Y et 7 1iés 3 la maquette. Les positions du détecteur (ou du
peigne) par rapport 3 ce triddre sont calculbes i partir des signaux des potentiomdtres du mécanisme de
déplacement.

La vollure de la maquette est &quipée de 3 fibres optiques A, B, C, dout les extrémités se ter—
minent 3 3 positions différentes en envergure (flgure 16) dans le bord de fuite de la vollure donnant
vers 1'aval 3 failsceaux lumineux d'angles d'ouverture 44 degrés. L'éclairage est assuré par un illumina-
teur composé d'une lampe 3 {ode et d'un condengseur assurant 1'introduction de la lumidre 3 1'intérieur
des fibres. Cet ensemble est situé 3 environ 10 m de la maquette.

La partie sensible du détecteur est constitufe de 2 plages photo sensibles juxtaposées (figure
17). Quand, par exemple, l'cnsemble du dispositif est placé plus bas que le bord de fulte de la voilure,
le falsceau lumineux provenait de 1'une des fibres optiques &claire plus la plage photo sensible du bas
du détecteur, celui~ci fournit un ordre de montée au mécanisme. Cet ordre s'annule quand 1'Eclairage est
{dentique sur les deux plages ; le dispositif est alors pogitfonné en face du bord de fuite et 1'on reld~
ve la valeur des signaux des potentiométres plac&s sur le wécanisme afin de calculer la positfon de
celui-ci dans le triédre X, Y, 2. Les différences de positions relevées avec et sans vent donnent les
valeurs des déformations du bord de fuite sous charge.
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ci1z2m

(F1g 15)MAQUETTE ET SON PEIGNE DE SILLAGE MONTES DANS S1MA

Fibres optiques

Deétecteur de position

(F1g 16) DEFORMATION D'UNE VOILURE

Fibre optique ¢ 0 6
P q‘ ¢ Détecteur

~a @e fyy)
Ml

T

< v

Zéro

=

Zore sensible

(Fig. 17) DETECTEUR DE POSITION

Les coordonnfes Xi et Y1 de chacune des 3 extrémités des fibres optiques sont déterminfes avant
1'essai, sans vent. Le détecteur optique n'agit sur le mécanisme de déplacement que pour effectuer des
mouvements sulvant 1'axe des Z et rattraper les déformations de la voilure sous charge.

5.2 ~ Résultats

Des mesures de déformation ont &t& faites 3 M = 0,5 - 0,7 et 0,85 en ajustant 3 chaque fols
1'incidence de la maquette afin d'obtenir unm coefficient de portance .onstant égal & 0,4. Les résultats
sont présentée sur la figure 18. L'Etagement des courbes ne correspond pas a un effet de Mach mais 3 une
différence de charge sur la voilure correspondant 3 l'augmentation de la pression cintique avec le nom—
bre de Mach, la soufflerie Sl travaillant 3 pression génératrice constante &gale 3 la pression atmosphé—
rique.

Dans les cas d'essais saus vibration la précision des mesures est de l'ordre de 0,1 mm et est
limitée par la résolution des potentiomdtres placés sur le mbcanisme de déplacement ; la sensibilité du
détecteur lui-méme est voisine de 0,01 mm.
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(F1g. 18) FLEXION DU BORD DE FUITE DE L'AILE POUR €Z-0 4

6 — MESURE DES DEFORMEES D'UNE PALE DE ROTOR D'RELICOPTERE
PAR INTEGRATION DES CONTRAINTES

«1 - INTRODUCTION

Les pales d'un rotor d'hélicoptére en fonctionnement subissent des d&formations sous 1'effet

des forces afrodynamiques et massiques qui leur sont appliquées ; la connaissance de ces déformations est
nécessaire 3 plusieurs titres

pour entrer dans les méthodes de calcul des rotors comme un &lement i{ndispensable dés que le calcul
atteint un certain stade de perfectionnement ;

pour compléter les mesures de pression sur les pales en fournissant les &l&ment nécessaires pour le
calcul de 1'incidence aérodynamique réelle ;

enfin, éventuellement, comme une contribution 3 1'Stude des phénoménes vibratolres du rotor.

2 ~ CARACTERISTIQUES DU PROBLEME

Ce paragraphe présente les grandeurs 3 mesurer et rappelle les conditions des essals de rotor

d'hélicoptdre effectués dans la soufflerie Sl du centre de Modane—Avrieux.

Les déformations 3 connaftre en premier lieu sont la torsfon et la flexion en battement

(figures 19 et 20).

| Ax TOR
l

I

'\

i e E::?\ (Fig 19)
l

| 4

l

TORSION
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l AXE DU ROTOR

(F1g. 20)

FLEXION EN BATTEMENT

La corde de la pale du rotor essayé est de 210 miliimdtres. Une torsion de 1/10 de degré induit

une différence de alveau entre le bord d'sttaque et le bord de fuite d'environ 0,4 millimdtre.

Pour un régime &t:bli les déformations sont des fouctlons périodiques du temps, de méme p&riode

que la rotation du rotor.

Rotor tripale )

Diamétre : 4 mdtres ) plénitude 0 = 0,10

Corde : 210 mm )

Profil : NACA 0012 sans vrillage sur toute la longueur de la pale

Excentricité de 1'articulation de battement : 78 wm

Régimss de rotation : Ng = 870 & 1 100 tr/mn.

Vitesses en bout de pale : U = 180 A 320 m/s.

Incidence de 1’arbre du rotor : “Q de + 8° 3 - 32°; possibilité de placer 1'axe horlzontal.
Pas du rotor X tde - 2% 3+ 17°.

Angle de battement P ¢ Jusqu'd + 5° au cours d'un tour, soit un déplace-
ment lu bout de pale de + 170 mm autour de la position moyenne.

v

Pour ces essais la vitesse varfe de O & 100 m/s, et le paramdtre d'avancement N = " de 0 3

(Fig 21)
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C9920

(F1g. 22) ROTOR D'HELICOPTERE EN FONCTIONNEMENT DANS LA
SOUFFLERIE SIMA

Toute la difflculté de la mesure des déformations apparait dans la comparaison des El&ments de
ces deux paragraphes : au niveau du bout de pale {1 faut mesurer des déformatfons de l'ordre du millimé-
tre sur un objet &voluant 3 200 m,/s sur une trajectoire qui dépend de nowbreux paramdtres =~ GQ. ¥ P .

6.3 — PRINCIPE DU CALCUL

En cours d'essal des ponts de jauges mesurent les moments de flexion en battement et de torsion
appliqués 3 la pale et 11 est en principe possible de calculer les déformations i partir de ces mesures.
Pour les premiers essals, ces calculs ont &té effectués avec les hypothéses simplificatrices suivantes :

- les déformatfons sont €lastiques, donc additives. Il est possible de calculer séparément les déforma-
tions sous charges moyennes et les d&formations sous charges dynamiques, la déformation totale est la
somme des deux (figure 23) ;

DEFORMATION TOTALE
4 DEFORMATION DYNAMIQUE

DEFORMATION
MOYENNE

TEMPS

(Fig. 23)
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- les coefficients de tarage déterminfs sous charge statique sont suppos€s valables sous charges dynami-—
ques (des précautions gont prises lors de leur mesure pour qu'il en soit ainsi) ;

~ les ponts de jauges sont bien réalisfs et bien placés, c'est 3 dire que chacun d'eux n'est sensible
qu'd un seul type de déformation. Un pont de flexion en battement, par exemple, ne donne pas de signal
lorsqu'on applique un couple de torsion. Il est donc admis qu'on peut calculer indépendamment les deux
déformations de la pale (torsion, battement) ;

— la courbe de répartition des moments en fonctfon de 1'envergure est la courbe la plus tendue
passant par les différents points de mesure (figure 24). Une courbe telle que celle trace en
pointillé correspondrait 3 des systdmes d'efforts compliqués ou bien, dans le cas des vibra-
tions, & des vibrations de fréquences élevfes donnant des amplitudes faibles, superposées 2
une vibration fondamentale (courbe pleine). Dans 1'un et 1'autre cas, pour une premidre
approximation, seule la courbe tendue est consid&rée.

La courbe de répartition des moments en fonction de )'envergure &tant trac&e, l'équation de la

déformée de la pale peut &tre calculBe : par une double intgration dans le cas de la flexlon, par une
simple intégration dans le cas de la torsion.

MOMENT

+ Point de mesure

M

; : i X
X1

Distance a laxe

(Fig 24)

Flexion (figure 25)

x

Distance de 1'axe d'articulation de la pale en battement (0)) & une section. Positive vers
1'extérieur du rotor (figure 26).
: Moment de flexion. Fonction de x.
: Module d'Young du matériau.
: Momerit d'inertle de la pale pour la flexfon considérée.
: Rayon de courbure de la dé&formée. Fonction de x.
: Angle entre deux sections de la pale aprds déformation.
: Déplacement perpendiculafire 3 la pale induit par la déformation.
Fldche de la pale, valeur de y & 1'extrémité de la pale.
Longueur de la pale, de 1'origine au bout de pale.

R LI

La pale 8tant considérée comme un corps &lancé, 11 est possible de luil appliquer les &quations
&lémentaires:

L .M _ 48 G Iy DR, RIS

- z dx? 31

-

o

-
R

b4
= Ll PO
9'/.,51 v
x x
3=/d~l 14- ‘vevtvj
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En prenant pour la sectlon ortgine x = O EL =0et y, =0
)
y= /Az./ M dx ot F:/dl/ﬂ.zix
et
o )
Torsion
C : Couple de torsion, fonction de x.
G : Module de torsion.
It : Moment d'inertie en torsion.
Z : Angle de torsion
v : Rotation en bout de pale.
Autres notations fnchangées.
MOMENT
\\\‘-_g4;
10 X
AXE_DU ROTOR ‘
PALE
5 ] !
by =N |
: | ﬁ "PARTIE PLASTIQUE X
— MOYEU | | PARTIE METALLIOUE
L t {AXE D'ARTICULATION
X

(F1g 25) (Frg 26)

6.4 - DIAGRAMME DES MOMENTS

L'axe des x est l'axe de la pale, dans le plan de symétrie de la pale, paralléle au bord d'at-
taque 3 25 % de profondeur, positif vers l'extérieur du rotor. L'origine est choisie en 0y, axe d'arti-
culation en battement (figure 26). Lorsque la pale est libre autour de son articulatfon, le moment de
flexion est nul en 0.

Les signaux &lectriques fournis par les ponts de jauges sont transformés en moments et tracés
en fonction du temps (donc de l'azimut § }. Ils présentent les caractéres sulvants (figure 27)

— {18 sont périodiques, leur période est le tour ;
- les moments détectés par les différents ponts sont en phase ;
~ leurs valeurs moyennes sont mal définies ; elles sont connues 3 15 X prés, parfois moins bien ;

- sous charges dynamiques le matériau des pales se comporte comme un corps &lastique et 1la partie
dynamique des signaux est régulidrement périodique en amplitude, fréquence et phase dé&s que les
conditions d'esssi sont fixées.

Pour un type de déformation choisi, par exemple la flexion en battement, plusieurs diagrammes
de répartition des moments en fonction de 1'envergure seront tracfs (f!gure 28) : 1'un pour la valeur
moyenne des moments, les autres pour les valeurs dynamiques instantanfes des moments qui correspondent
aux azimuts ol tous les moments passent simultanément par un maximum ou un minfmum : par exemple sur le
dessin de la figure 27 My, Mgy et Mcy pour 1'azimut ’1 et le temps tl'

A partir de chacun de ces diagrammes on calculera 1'6quation d'une déformée &lémentaire de la
pale ; la déformfe totale de la pale 3 un instant donné sera trouvée par combinaison de ces déformées
£lémentaires. Afnsi pour 1l'azimut Q 1» & 1'instant 3 la déformée totale est la combinaison de la
déformée moyenne et de la déformée dynamique 3 1'fnstant t, .

Cette fagon de procfder permet de donner une bonne description de 1'8volution de la déformée de
la pale su cours d'un tour.
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MOMENT
1 M
K Al "~ Pont A
.-~ Pont B
‘ Pont C
| (Fig 27)
|
I
! ; : TEMPS
l REEEEN 1Y Y f
V=0 ¥4 Y Y3 V. 0.360° AZTMUT

‘ 1 TOUR

[ )

re 2

MOMENT MOMENT MOMENT
MOMENT DYNAMIQUE DYNAMIQUE DYNAMIQUE
MOYEN PWR%AUP%R%AQP%R%AH
~
. IS .
[;// (N 1// ™~ ABC 4 T~
ABC X aBC x \_-—~" X% aB(C X

(F1g 28)
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DEFORMEE DEFORMEE DEFORMEE DEFORMEE
MOYENNE DYNAMIQUE DYNAMIQUE DYNAMIQUE
ALINSTANT by ALUINSTANTEy A L'INSTANT b4

6.5 - VALEUR DE E.I (ou GI;)

Le matériau des pales &tant complexe, {} est difflcile de calculer les termes EI (GI.). Ces
coefficients ont donc &té déterminés expérimentalement. Par exemple, dans le cas de la flexion en
battement, la pale est encastrde 3 son attache et chargée 3 son extrémité libre (figure 29). En mesurant
1 et f il est possible de calculer EI, en effet :

P13 P13
£ =35 EL = 3¢

4y |
Tf;
Z

(Fig 29)

Valeurs mesurées pour les pales

flexion en battement : EI, = 1 690 Nm2

torsion : GI, = 19 Nmz/degré

————— ~—




6.6 - EXEMPLE DE CALCUL

La suite du document est exclusivement consactée § l'application de la méthode pour la flexion
de battement, sur un cas d'essal moyen, 3 partir des signaux relevés en cours d'essail.

La figure 30 montre 1'évolutfon du moment de flexion en battement en fonction de l'envergure de
la pale (x) pour la valeur moyenne et les valeurs dynamiques aux azimuts § = 71°, 172° et 315°, La posi-
tlon des ponts de jauges suivant l'envergure est repérée 2 , 3 ... 8

La figure 31 montre 1'évolution de l'angle © entre les sections success{ves en envergure tracé
en fonction de l'envergure de la pale (x). Les trois courbes correspondent aux charges dynamiques pour

1
les azimuts ¥ = 71°, 172° et 315° et sont obtenues (au facteur FF prés) par Int&gratlion des courbes

correspondantes de la figure 30 précédente.

La figure 32 montre les déformées de la pale sous les charges dynamiques pour les azimuts
W = 71°, 172° et 315° ; elles sont obtenues par intégration des courbes correspondantes de la figure 31
précédente.

La figure 33 présente directement la déformée moyenne de la pale obtenue par double intégration
3 partir des valeurs moyennes du moment de flexion présenté sur la figure 30.

Les d&formées totales sont obtenues par combinalson des courbes des figures 32 et 33 et sont
présent&es sur la figure 34. L'axe ox représente la pale non déformée ; c'est cette direction qul est
représentée dans 1'espace par l'angle battement [> . La valeur de la déformée en extrémité de pale corres-
pond 3 la fl3che qui pourrait &tre mesurfe sur le saumon d'extrémit&. C'est 1'&volution de cette fléche
en fonctlion de }'azimut qui est représenté@ sur la figure 35 (en s'aidant de calculs non présentfs fci).

MOMENT DE FLEXION

EN BATTEMENT
(mAN)

VENT

Y. 432

B

W:74°

]
K ‘
‘
o 8P j
.
3

Axe du rotor

g Position des ponts de jauges

1 - 140 (Fig 30) REPARTITION DES MOMENTS EN
L,/ FONCTION DE L'ENVERGURE

' ©
e
l
Axe dui4 o
rotor fa - %
. \o\ X
l.4 \0\0
| Voi4e
i-l

(Fig. 31) EVOLUTION DE L'ANGLE 8 SOUS CHARGES DYNAMIQUES
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(Fig. 32) DEFORMEES SOUS CHARGES DYNAMIQUES

(mwm)
1 * o (M
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o
e

Axe du ro I
rotor - P e .
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| Axe d'articulation ;

i Extremité de 1a pale

(Fig 33) DEFORMEE MOYENNE
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4 e - |
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(Fig. 34) DEFORMEES TOTALES EN BATTEMENT
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(Fig. 35)
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6.7 — CONTROLE EXPERIMENTAL DE LA METHODE

L'inconvénient de la mbthode est que, faute de moyens de recoupement, on ne sait quelle
confiance accorder 3 ses résultats. Un contr8le expérimental sans vent a &té& effectué 3 l'occasion de
travaux excut&s sur le rotor d'hélicoptére.

Les pales sont encastrées sur le moyeu ; le rotor est ipmobile. Un pot d'excitation entraine
l'extréuité de la pale dans un mouvement sinusoldal fmposé. La fréquence et la force d'excitation peuvent

8tre réglées, ce qui permet de détecter les fréquences naturelles des pales, flexions en battement
(figure 36).

Pour la fréquence du fondamental de flexion en battement la déformée de la pale est relevée,
ainsi que 1’amplitude de la force appliquée et le déplacement du point d'excitation. Simultanfment les
signaux fournis par les ponts de jauges sont traités pour obtenir 1'&quation de la défcrmée. Il est alors
possible de comparer les résultats du calcul aux mesures expérimentales. Le tableau ci-dessous donne les
termes de cette comparaison.

Force Grandeurs Calcul
Mode - Fréquence d'exci- caractéris— Expé— par intégration
tation ques rience
Fondamental de fle— 0,2 N 5,6, mm 6,0 mm
xion en battement Fléche en
o bout —
d'aile
0,1 N 2,70 wm 3,0 om

L'accord entre les résultats de l'expérience et du calcul est bon surtout si on considére que
le tracé du diagramme des moments est approximatif du falt Ju petit nombre de ponts de jauges disponi—
bles.

AXE OU ROTOR POT D'EXCITATION

: —— ' 24

(Fig 36)
7 ~ CONCLUSTONS

La direction de la Physique GEné&rale et la Direction des Grands Moyens d'Essais de 1'0.N.E.R.A.
ont défini, mis au point et expérimenté des méthodes et moyens d'essai qui permettent de déterminer avec
une précision satisfaisante les déformations sous charges aérodynamiques et massiques de la plupart des
maquettes essayfes en soufflerie.

Les techniques vtilisées font appel :
— 3 la photographie de mirec. réfléchissantes,

~ 4 la mesure faite par un torsiomdtre 3 fafsceau laser de I'angle entre le fafsceau incident et
le faisceau réfléchi par une mire rétro—diffusante polarigée,

= & la poursufte par un dftecteur optique de position de sources lumineuses &mises par des Eibres
optiques,

~ au calcul de déformée, 3 partir de megure de contraintes sur une maquette.

Ces différents moyens d'essai, utilisés de maniére i{ndustrielle dans les grandes souffleries per—
mettent aux constructeurs de s'assurer que leurs maquettes se comportent blen sous charges selon leurs
prévisions ; les développements en cours devralent permettre 3 terme d'accroftre les précisions de mesure
ainsi que la rapidité d'accds aux résultats définitifs,
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RECORDER'S SUMMARY

by
E. Carson Yates, Jr., Chief Scientist
Loads and Aeroelasticity Division
NASA Langley Research Center
Hampton, Virginia 23665-5225, U.S.A.

Ten papers were presented at this specialists' meeting, half of which were concerned
with aerocelastic~analysis methods for specific types of aircraft. Three c¢f the latter
focused on combat aircraft (papers by Sharpe and Newton, by Petiau and Brun, and by
Schmidinger and Sensburg), and two involved transport-type aircraft (papers by Roustan
and Curbillon and by Eckstrom). Of the remaining papers, two were on static aeroelastic
effects on flutter (by Destuynder and by Yates and Chu), two were concerned with
designing, building, and testing static aerocelastic models (by Honlinger, Schweiger, and
Schewe and by Charpin, Armand, and Selvaggini), and one addressed the problem of
divergence (by Niblett). This distribution of papers seems reasonably representative of
the emphasis currently being given to the subject matter,

delta-wing/canard fighter configuration, fuselage flexibility and freedom can
significantly influence roll effectiveness and that even though fighter aircraft are
designed for high load factors, inertia loads can significantly affect comparisons cf
longitudinal stability for the "fixed" and "free" conditions, Thus, aercelastic
moleling of the entire aircraft is needed as early as peossible in the design process.
Additionally, store loads (both inertial and aerodynamic) are shown to have substantial
effects on wing distortion and loads for a varlable-sweep fighter, Although important,
early design consideration of such loads is difficult because of the multiplexity of
store combinations mcst fighters are intended to carry.

Starting from basic principles and assumptions, Petiau _and Brun presented a
comprehensive tutorial review of the aeroelastic analysis methodology empioyed at one
aircraft company, inciluging the organization, management, and efflcient use of finite~
element structural models and both linear and nonlinear aerodynamic methods in
application to a range of static and dynamic aercelastic problems for complete aircraft
configurations. Some familiar problems were addressed, such as the structural-
aerodynamic interface, use of influence-coefficient methods and modal methods including
truncation sensitivity, use of a load-basis method for problem size reduction, and
modification of the computational model by use of measured data. For application to
control, maneuver, and dynamics problems {n general, unsteady aerodynamic forces are
represented by the usual methods of rational-fraction approximation or unitary response
by means of Fourier decomposition. A few applications of these state-of~the-art
procedures were presented,

procedures for making aercelastic corrections to aerodynamic coefficients and
derivatives by use of increments and flex-to-rigid ratios and illustrates their
application to the roll maneuver of a fighter configuration with and without wing-
mounted stores. The results emphasize agaln the importance of combined consideration of
aerodynamic and inertia forces and theilr effects on aeroelastic deformations and
performance. This paper also presents some results of a design study to configure
flaperon controls to meet specified roll requirement while minimizing hinge moment ang
wefght of the composite structure. This seemingly modest and simply stated problem
involved conflicting requirements and constraints and became a fairly complex exercise.
The need for multidisciplinary computer-aided design opimization processess is again
clearly indicated.

calculations and corrections based largely on linear aerodynamic¢ and structural behavior
and {llustrated them in application to transport-type aircraft. Variations of
coefficients with Macn number in forms like those for the rigid aircraft are
represented, however, and, of course, deformations and their effects on loads may not be
linear. Effects of aercelastic deformation on aerodynamic derivatives, loads, handling
qualities, control effectiveness and reversal, and divergence were considered.
Requirements for aeroelastic analyses and information at varjous stages of the design
process were pointed out, and the need to incorporate flexible-aircraft characteristics
in flight simulatcrs was also indicated.

The paper by iates and Chu presented an attempt to calculate the effects of angle nf
attack and associated aeroelastic deformation on the flutter of a highly swept
supercritical wing for which experiments had shown unconventional transonic flutter
boundaries for angles of attack of one degree or more. An iterative procedure was
establishels 80 that flutter and the statically deformed shape adout which the flutter
oscillation occurred could be caiculated at the same dynamic pressure. The
unconventional backward turn of the flutter boundary was calculated and shown to te
caused by var.ations in mass ratio rather than by 3tatic aerocelastic deformatlions as had
been suspected. Consideration of the latter, however, may be necessary for quantitative
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accuracy. Calculated flutter speeds were unconservative because of the well-known
deficienclies of potential~flow theory {n predicting steady-state shock strengths and
locations at Mach numbers near one. Calculations are continuing with & coupled boundary
layer.

The paper by Niblett examines the trim conditions, deformations, loads, and divergence
calculated for a highly simplified rectangular-wing/body/tail configuration in free
flight and compares the results with conditions at fixed-root divergence speed. It is
shown that as speed increases at trimmed condition, the increasing wash-in deformation
of the wing must be compensated by an opposing change in angle of attack. Also, at a
speed near fixed~root divergence, the horizontal-tail angle change required to proguace a
given increment of normal acceleration goes to zero.

The paper by Eénllnger, Schweiger, and Schewe discusses scaling requirements, design,
wind-tunnel testing, measurements, and interpretation of results for aerocelastic models
with emphasis on the modeling of aircraft and components with composite structures.
Models with replica laminations are recommended in order to reproduce anisotropic
properties fajthfully. The design and testing of an aeroelastically tailured fin-rudder
model are presented as examples. The development of a piezoelectric force balance is
described as an attractive alternative to the conventional strain-gage balance which
introduces unwanted flexibility. For the measurement of model deformations under load,
an opto~electronic system has been constructed. This system employs charge-coupled
devices which are focused on points on the model which are illuminated by the ends of
optical fibers imbedded in the model. It would be interesting to compare the features
and limitations of this system with the old-fashioned optical lever.

The paper by Eckstrom employed procedures similar to those used by an aircraft company
to combine linear aercelastic analyses with nonlinear wind-tunnel data for rigid models
in order to obtain estimates of aerodynamic, stabllity, and control characteristics for
a flexible alrcraft. For example, at a given Mach number, calculated increments were
applied to angle of attack for zero lift as a function of dynamic pressure, and
calculated flex~to~rigid ratios were applied to lift-curve slope as a function of
dynamic pressure times rigid-wing lift-curve slope. Thus, maximum l{ft was not changed,
and the nonlinear character of the wind-tunnel data was preserved. Application of the
procedure to a pilotless airplane with a very flexible transport-type research wing gave
reasonable looking results, but no flexible-wing data were shown for validation.

The paper by Destuynder examined by calculatlons and experiments the effect of stati:
supercritical transport-type wing model with pylon-mounted nacelle at angles of attack
between plus and minus '.5 degrees. Calculated deformations were confirmed by
experiments. In flutter experiments at Mach number 0.78 and constant stagnation
pressure, flutter occurred as angle of attack was decreased to -1.5 degrees - a result
that is qualitatively consistent with flutter calculations by Yates, Wynne, and Farmer
(fig. 8 of ref. 1 in the paper by Destuynder) for a more highly swept supercritical wing
at Mach numbers 0.95 and 0.98, Modification of the unsteady aerodynamic forces by use
of experimental steady-state section coefficients to account for wing deformation
improved agreement between calculated and measured flutter results and showed trends
with increasing stagnation pressure that were similar to those described by Yates anc
Chu. The results, however, were significantly i{nfluenced by nacelle aerodynamics, and
the experimental flutter mode involved a considerable amount of nacelle pitching. This
is yet another indication of the need to assess and incorporate the aerodynarics of
pylon-mounted nacelles in flutter calculations, especlially for aircraft with high-
bypass-ratio engines.

The paper by Char ggini described several methods which have been
developed for det the deformations of models during wind-tunnel testing.
Applications are shown; accuracy and limitations are assessed. These methods include
(1) photography of reflecting patterns such as the long-used procedure of superimposing
or double-exposing wind-on and wind-off images of multiple markings on the model or
light reflected from mirrors on the modei.- The use of phosphorescent paint and
ultraviolet illumination can enhance this capability. Exposure times can also be
lengthened to yleld a measure of model vibration amplitude. The latter technigue was
used years ago to measure natural vibration modes of flutter models. Deformations of
rotating mcdels, such as propellers, are obtained by stroboscopic illumination; @2
torsionmeter measurement of laser light backscattered from a polarized target.- Thnis is
an interesting technique that has produced useful results, but it does not appear o be
rcadily adaptable to the determination of general displacements at multiple points on a
model surface; (3) use of fiber-optic light sources and optical detectors.- A similar
method was described by Honlinger, Schweiger, and Schewe. The present method employs
detectors supported on a secondary sting behind the model and thus may cause flow
disturbances; (4) calculation of displacements by integration of measured strains.-
This procedure s most appropriate when model geometry and deformations are of simpie
form and/or wher displacements re sizeable relative to model dimensions. The
gelfvrmation oi - .icopter rotor blades or of high-aspect-ratic wings fits these
conditions. Acceptable accuracy has been obtalned with these methods, but there is
stil]l need for a general method for measuring arbitrary deflections at multiple points
on models of varying size and shape without flow interference and with minimum
sensitivity to vibrations--in a cryogenic environment!
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The emphasis on methodology for combat aircraft in this specialists' meeting is entirely
appropriate because of the severity of static aercelastic problems involved in achieving
adequate maneuverability and agility of such aircraft in all speed ranges and operating
conditions without unacceptatle weight pPenalties assocjated with added structural mass
and/or additional control surfaces and actuators. It is essential not only that we be
able to analyze these aercelastic problems accurately and reljably, but that we be able
to design appropriate light-weight structures and appropriate control systems and to do
it early in the design process rather than as a late-stage fix, The importance of these
requirements was emphasized during recent visits to seven major U.S. aircraft companies
by NASA Langley personnel, The companies still rely on linear aerodynamic and
structural models to calculate aeroelastic deformations and lcads. The
aerodynamic/structures/inertia interface st{ll causes difficulty, and the relations
between structural stress models and aeroelastic models are still not handled in routine
fashion, There is also still a major need for efficient, rellable methods for
calculating aerodynamic loads on arbitrary aircraft configurations at transonic speeds
and at high angles of attack. Experimental validation of such methods will bde
especjally difficult because of the importance of Reynolds-number scaling and wind-
tunnel wall effects.

With regard to design, we have already seen that even the relatively limjited design
problem addressed by Schmidinger and Sensburg ended up being rather involved. In view
of the multitude of design variables associated with controls and control systems, as
well as those lnvolved with aeroelastically tailored composite structures, it is obvious
that such design problems should be addressecd within the framework of computer-aided
interdisciplinary design processes, and the SMP should encourage and promote that kind
of activity within the constituent countries with all deliberate speed, recognizing,
however, that methods disclosure may be limited by proprietary interests.

With regard to aeroelastic analysis, we saw methods lnvolving a wide range of
complexity~-from the relatively simplz adjustment of wind-tunnel data given by Eckstrom
to the comprehensive analysls outline. by Petiau. Various levels of analysis are neeged
for various purposes, Consequently, the SMP should continue to encourage the
development of varied capabilities and the reporting of them through its meetings and
publications. There appears to be no reason to encourage restrictive standardization of
methodology nor to promote any particular favored method at this time.

The papers by Destuynder and by Yates and Chu serve to remind that when aerodynamic
behavior is nonlinear, static characteristics (aeroelastic or other) can affect unsteady
aerodynamics and, hence, dynamic behavior. Moreover, as was shown in those two papers,
the static effects can be quite substantial. The basic message, therefore, s that for
conditions involving nonlinear aerodynamic behavior, dynamic response and flutter should
be calculated {(or measured) about a correct static shape and loading corresponding to
the relevant geometrical and flow conditions of interest. The SMP should continue to
monitor and report such static/dynamic interactions as appropriate.

Simtlar comments apply to the subject of aerocelastic modeling and testing. Especially
important is the measurement of deflection under load and/or .he calculatlon of
geflection from measured loads and structural influence coefficients. Accurate
measurements of pressures and forces are of little value uniess the configuration shape
that generated them is also accurately knawn.

Finally, those invplved in these and subsequent SMP activities should continue to bring
to the attention of the Aercelastliclty Subcommittee information on significant problem
areas in static as well as dynamic aerocelasticity (e.g., aeroservoelasticity), including
those problems that were perhaps not covered (n this speclallists' meeting.
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