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PREFACE

The fatigue strength of the main mechanical components of the helicopter (i.e. rotor assembly, transmission systems)
and of the primary structural elements in its airframe has always constituted an area of major concern for manufacturers
as well as for airworthiness authorities and users.

At the same time, the increasing utilisation of helicopters in the array of modern weapon systems, together with the
introduction of new materials or technologies, has accentuated the need for NATO forces to master the problems of
fatigue phenomena related to helicopters,

In the course of the last eight years, the Structures and Materials Panel of AGARD has undertaken, successively, a
set of working activities which has resulted in publications on the following topics:

(1) Helicopter Design Mission Load Spectra:
Proceedings of a Specialists” Meeting held in Ottawa in the Spring of 1976

(2) Survey of Present Regulations and Substantiation Procedures:
Proceedings of an experts’ meeting held in Florence in September 1978

(3) Helicopter Fatigue Life Prediction:
Proceedings of a Specialists’ Meeting held in Aix-en-Provence in September 1980.

The present publication constitutes a review document which assembles the experience of specialists from helicopter
producing NATO countries; it is intended for those design department and test laboratory personnel who carry responsi-
bility for rotary wing design and who need to determine fatigue strength and behaviour.

This Preface would not be complete without a few words of acknowledgement to the experts who agreed to con-
tribute to the writing of the various chapters of this Manual. I would especially like to express thanks to Mr F.Liard, a
former engineer at ““Aerospatiale”, who undertook the difficult task of ensuring that degree of coordination which the
preparation of this document involved.

JM.FEHRENBACH
Chairman, Sub-Committee
on Helicopter Fatigue

* ok %
PREFACE

La résistance en fatigue des composants mécaniques principaux (ensemble rotor, systémes de transmission) et des
éléments de la structure primaire des cellules d’hélicoptéres a toujours constitué un domaine majeur de préoccupation
tant pour les industriels constructeurs que pour les services officiels chargés de la réglementation et les organismes
utilisateurs de ces matériels.

Par ailleurs, P'utilisation croissante des hélicoptéres dans la panoplie des systémes d’armes modernes, conjuguée avec
introduction de nouveaux matériaux ou technologies accentue I'importance que présente pour les forces de I'O.T.A.N,
ce probléme de la maitrise des phénoménes de fatigue intéressant les hélicoptéres,

La commission Structures et Matériaux de ’AGARD a été conduite 4 proposer et développer une série de réflexions
dans ce domaine au cours des huit derniéres années, matérialisées successivement par:

— une réunion de spécialistes en avril 1976 a Ottawa sur le théme:
(1) Spectres de charges pour la conception des hélicoptéres

— une réunion d’experts en septembre 1978 a Florence sur le théme:
(2) Revue des réglements actuels et des méthodes de démonstration

— une réunion de spécialistes en septembre 1980 4 Aix-en-Provence sur le théme:
(3) Justification de la durée de vie en fatigue des hélicoptéres.

La présente publication constitue un document de synthése qui rassemble I’expérience des spécialistes des pays de
O.T.A.N. producteurs d’hélicoptéres a I'attention des personnels des bureaux d’études et des laboratoires d’essais qui

iii



ont laresponsabilité de concevoir des matériels 4 voilure tournante et d’en justifier la résistance et le comportement en
fatigue.
Qu’il me soit permis, au terme de cette préface de remercier tous les experts qui ont accepté de contribuer a la

rédaction des différents chapitres de ce manuel et plus particuliérement Mr F.Liard, ancien ingénieur 4 I’ Aérospatiale,
qui a bien voulu assurer la coordination du travail difficile que constituait ’élaboration de ce document.

JM.FEHRENBACH
Président du sous-comité pour
la Fatigue des Hélicoptéres
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1.1

1.2

1.3

BACKGROUND

Although the modern helicopter only came in the thirties, its designers have-had to face, among other difficult problems, high
cycle fatigue causing a number of serious accidents.

Of course, fatigue has already been studied by automotive engineers in the 19th century, but its contingent nature was not under-
stood. Even some thirty years back a few project engineers still considered that the test of a single part - unbroken at twice the
desired life under flight loads - was the proof of its safety.

During the last decades a tremendous amount of work has been done on fatigue, in the research laboratories as well as at
industrial facilities. Unfortunately there is a lack of uniformity, as each country and sometimes each manufacturer develops its
own methods.

The Structures and Material Panel of AGARD has been contributing to the exchange of knowledge on fatigue evaluation of heli-
copters by organising Symposia and Specialists Meetings and by creating a working group on the subject.

This working group has the task of defining the contents and organizing the publication by AGARD of a handbook on helicopter
fatigue. It was decided eventually not to duplicate the wide general knowledge on fatigue which can be found in many books

and to keep to what was particular to the helicopter. The handbook was then more modestly entitled «helicopter fatigue design
guide».

SCOPE

Fatigue prevention is one of the most important aspects of aircraft safety and unfortunately the proof of an improper design may
come after several years when a large number of flying hours have been accumulated on an important fleet.

In addition, it is known that the different methods in use do not give an equivalent level of safety.

The aim of this guide is to provide, at each step of the design, recommendations in order to get the best possible fatigue behaviour
of every part of the helicopter : dynamic components gear boxes and airframes and to cover conventional materials and
composites.

The presence of working group members and authors from the fixed-wing side is a good opportunity to suggest to helicopter
designers, more familiar with the safe life approach, to profit, from the important work done for airplanes in the field of
fracture mechanics.

The recommendations contained in this guide are by no means considered rules but it is hoped that, together with the analysis

of the substantiation methods in use, they will help the manufacturers and the official services do their jobs in the best possible
conditions.

LAYOUT
This Guide is divided into six sections and one appendix of which a short description is given thereafter.

Section 2 : General survey and evaluation of current procedures :

This section describes the broad phases of the fatigue design process and summarizes the actions to be taken at each step.

Section 3 : Spectra development :

This section gives a survey of the best existing methods to establish mission and load spectra considering, for both flight para-
meters and loads, the two usual steps of estimation or calculations and measurements.

For the difficult problem of rotor loads prediction, the comparison with flight test results shows the effect of the various
possible refinements. This work is completed by the status .of measurement techniques and a suggestion of counting methods
in order to allow the automatic processing of test results for fatigue purposes.

Section 4 : Fatigue design data

This section covers both aspects of the crack initiation phase very familiar to helicopter specialists and of crack propagation
phase. As the latter, commonly used in the fixed wing field, is becoming of great interest to helicopter manufacturers, a thorough
analysis of theory and experiments has been made for metallic structures which opens the way to the very promissing field of
composites.

It includes in addition a few considerations on the causes of variation of fatigue strength and covers the important aspect of
statistical analysis of data processing.



Section 5 : Development and qualification procedures :
This chapter gives a survey of the rules and current methods used for fatigue development and qualification of military and civil
helicopters in NATO countries. Using the load spectra and fatigue data of the previous chapters, it covers both the safe life and

damage tolerant approaches for airframe and dynamic system at the various stages of development of the helicopter.

It also gives some comments on the tolerance to extreme environmental conditions.

Section 6 : Service load monitoring and structural integrity evaluation :

Service load monitoring allows to individualize the life of costly parts of each individual helicopter or at least, of the fleets of heli-
copters performing the same types of missions. Although little has been done yet, this chapter studies the different means towards
achieving this goal and analyses the causes of errors in the structural integrity evaluation.

Appendix : HELIX and FELIX spectra

Following the line of the work already done for fighters, a Dutch - English - German team is working on the definition of the
shape of simplified load spectra applicable to the dynamic components of any articulated (HELIX) or rigid (FELIX) rotor
heads.

If applied systematically to specimens for fatigue testing its allows the direct comparison of the results coming from different
laboratories and the selection of the best solutions without using MINER’s hypothesis.
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2.1. GENERAL SURVEY

The helicopter is a unique form of aircraft that provides 1lift by means of a
system of rotating aerofoils. The classic, or "conventional', helicopter not only
provides this lift from a large single main rotor but also uses that rotor to propel
the aircraft in any chosen direction -~ forwards, backwards or sideways as well as up
and down. Provision has to be made to react the torque applied to the main rotor and
again, on the conventional helicopter, this is provided by an auxiliary rotor system
mounted on the tail of the aircraft and applying thrust in the horizontal plane. This
tail rotor also has a dual function, because it provides directional control as well.

Fatigue loadings on the helicopter are generated from many sources but the major
inputs (at high frequency) arise from the asymmetrical airflows through the main and
tail rotors in forward flight. Manoeuvring conditions produce additional low frequency
loadings.

This chapter will describe in general terms, the procedure of design and fatigue
substantiation of the helicopter and its components under all the fatigue load inputs
that are recognised by the current 'state of the art". Four broad phases of fatigue
assessment are addressed as follows:

The Design Phase
The Development Phase
The Production Phase
The In-Service Phase
2.2. THE DESIGN PHASE
2.2.1. OPERATIONAL REQUIREMENTS AND SPECIFICATIONS

The helicopter is a remarkably versatile aircraft and its military utilisation may
cover a wide range of operations, for example:

Navy: Anti-submarine Warfare
Commando Transport

Army: Utility
Tactical
Troop Carrying
Heavy Lift

Air Force: Transport
Search and Rescue

The sheer scale of the costs of designing and developing a modern helicopter
mean that the manufacturer must endeavour to provide a common basic aircraft at a
particular weight band that will be adaptable to as wide a range of uses as is possible.
Economic common sense also dictates that in many cases commonality with a Civil type
will also be sought.

It is essential in the initial phase to have a "Statement of intent", or its
equivalent, from all the interested operators. This in turn will lead to the development
of usage spectra for all the proposed roles that find a place in the Aircraft
Specification.

The Aircraft Specification is the legal basis of the contract between the
Manufacturer and Customer and, from our fatigue point of view, must state the fatigue
lives to be achieved, the design requirements to be met and, as already mentioned,
the spectrum, or spectra, of use.

In addition, the performance aims of speed, altitude, weight, e.g., climb rate
etc. form part of the Aircraft Specification and the fatigue substantiation is based
upon these '"envelopes'.

It may be pointed out at this stage that although "safe'" fatigue life must form
a legal basis of the aircraft specification, it is desirable that achieved lives should
be very long or preferably unlimited for economic and logistic reasons. Even more
desirable is the introduction of ''Damage Tolerance' principles into mechanical systems
of the helicopter which have hitherto been substantiated to "safe life' procedures.
This philosophy will be discussed in depth later in the design guide.



2.2.2. SOURCES OF VIBRATORY LOADS

Fatigue loading on the helicopter and its components originates to a very large
extent from the rotors themselves. Certainly the so-called "high frequency' loadings
(3 - 4 Hz upwards) correspond to integral multiples of main and tail rotor rotational
frequencies.

"Low-cycle" fatigue is also present in many components both from aircraft
manoeuvring and gust loadings and also rotor stop-start cycles.

It is convenient to group components of the helicopter in respect of types of
fatigue loading and the following is suggested:

(a) Rotor Systems

(b) Transmission

(c) Airframe
2.2.2.(a) Rotor Systems

The components included under this heading comprise the rotor blades, hubs and
controls of both the main and tail rotor systems.

The main rotor blades generate lift by means of collective pitch application and
translational flight, in any direction, is achieved by means of cyclic pitch. Collective
pitch is the application of equal pitch increments to all blades to produce vertical
thrust whereas cyclic pitch produces a variation of pitch in a specific relation to the
azimuth position of each blade. Cyclic pitch produces a tilt of the rotor disc and hence
a horizontal thrust vector to achieve the translational flight speed required.

In translational flight, the airflow through the rotor produces unequal aerodynamic
1lift distributions on the "advancing'" and '"retreating' blades and the effect is to
generate fluctuating loads on any individual blade dependent upon its azimuth position.

The blade itself is, in effect, a rotating beam subjected to these vibratory load
inputs and also the tension due to centrifugal load. The beam has a series of natural
moges and frequencies of response in bending (in the plane of the rotor and also at
90~ to the plane of the rotor) and torsion. Coupling between these modes is also present.

The blade response is therefore a complex one and, in terms of fatigue, it is
clear that all sections of each blade require an in depth evaluation to determine their
criticality.

Furthermore, at the root end attachment of the blades to the hub, residual shears
apply vibratory loads to hub, gearbox and the airframe itself.

As mentioned previously, part of the blade response is torsional from lag - flap
couplings and centre of pressure fluctuation. This produces a reaction at the blade
pitch control horn generating fatigue loads in the control system. Predominant loads
are usually at once rotor rotational speed in the rotating control system and '"n"
times rotor rotational speed in the fixed parts of the control system.

2.2.2.(b) Transmission

In the '"conventional'" helicopter, the transmission system consists of a main
gearbox with power inputs from one or more engines. Outputs from this gearbox are to
the main rotor, tail rotor and, usually, to accessories such as hydraulic and electrical
systems etc. The drive to the main rotor involves a large reduction of rotational
speed from the engine inputs and a similarly large increase in torque.

The main gearbox usually has to transfer the full 1ift, shears and bending
moments from the main rotor hub to the airframe in addition to its fundamental purpose
of torque transmission.

The drive to the tail rotor includes one or two further gearboxes that are
required to change the direction of the drive and sometimes speed changes are made at
these gearboxes.



The fatigue loadings in the power transmission system can thus come from many
sources as follows:

Pulsed bending of the gear teeth (Reversed bending on "idler'" gear teeth).
Aircraft manoeuvre loads and moments on the gear casing.

Gear tooth frequency loads on the casings.

High frequency rotor loads on the casings.

Rotating bending and fluctuation torsional loads on the gear shafts.

Fluctuating torsion on tail drive transmission shafts and couplings during
directional manoeuvres.

Rolling loads on ball and roller bearings.

In addition the whole transmission system will respond to vibratory torsional
loading of the main and tail rotors dependent on its natural torsional
frequencies.

2.2.2.(c) Airframe
The major fatigue loadings on the airframe can come from the following sources:
Manoeuvring and "g'" loadings.
Gust loads on the rotor.
Fin, tail plane and tail rotor loads.
Undercarriage loads.

Rotor order frequency loadings from main and tail rotor. The magnitude of these
loads is very dependent on the dynamic natural frequencies of the fuselage
in bending and torsion.

2.2.3. COMPONENTS TO BE CONSIDERED

In order to establish a list of the components of the helicopter to be the subject
of the full fatigue substantiation it is necessary to understand the consequences of
failure of those components.

The usual procedure is to categorise such parts both in terms of the severity of the
failure consequences and also in terms of the loads and stresses to which they are
subjected.

The highest such category is commonly called '"Vital" or "Critical™, and parts in
this category may be described as "Components subject to significant fatigue loading
and whose failure would cause catastrophe™.

This category will contain many parts of the main and tail rotor system and controls
etc. which are not redundant or duplicated, and which have limited damage tolerance
necessitated by the "state of the art" of the helicopter design.

It is usually necessary to ensure integrity of these parts by an extensive fatigue
testing programme as pure calculation is frequently unreliable at present.

The loading on such parts will eventually come from direct flight measurement.

The fatigue substantiation will be described in more detail later in this survey
and in the Design Guide. Furthermore, parts in the "Vital" category will be subjected
to the strictest possible control in manufacture such that variability in strength is
minimised. AIl such parts must be identifiable and the ability to trace manufacture
back through all processes to material source is essential.

It is hardly necessary to emphasise that the "Vital" parts category should be kept,
by design, as small as possible. However, at the current state of helicopter design there
still may be a hundred or more components involved.

At the other end of the scale of categorisation are components such as the fuselage
itself which may consist largely of conventional fixed wing aircraft type of structure
and as such may well have reasonably good damage tolerant qualities. Here the problem
is less one of direct aircraft safety but one of economics and logistics involving
"cost of ownership'" to the customer by minimising repair during its normal life
expectation.
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Fuselage components are therefore often subject to forms of fatigue testing to
demonstrate their ’''fail safeness" on the one hand and that they have a long life
without major fatigue cracking on the other.

2.2.4. DERIVATION OF DESIGN LOAD SPECTRA

In the early days of the design phase it is necessary to estimate the fatigue
load spectra on all structural components both in the rotor systems and in the
transmission and also on fuselage components. For the Vital components described above
the fatigue loading is frequently the criteria of design, and often overrules static
loading considerations.

The design load spectra will be derived from consideration of the operational
role usage of the aircraft and to this end it is important to obtain from the
intended customer a '"Statement of Intent' or similar. This will enable the designer to
establish the expected manoceuvring pattern in the various roles intended and the per-
centage of aircraft life to be spent in these manoeuvre conditions. In a similar manner
power spectra for the transmission need to be estimated.

The estimation of vibratory loading in the various components for the steady flight
and manoeuvre conditions is a fairly difficult process. There are many extensive computer
programmes that will estimate the dynamic response of the rotor blades to the aerodynamic
inputs. But these usually only give accurate results under steady hover or forward flight
conditions. The Stress Office generally has to utilise data from previous aircraft to
establish a parametric read-across in the transient manoeuvre state.

Having determined the loading in the rotor system the effect on the fuselage needs
to be understood. This, again, is a problem, the current approach to which involves
the establishment of stiffness characteristics of the proposed fuselage configurations
from such models as "NASTRAN" and determination of the response to inputs from the main
rotor. At the current state of the art the main aim is to avoid resonances in the
fuselage structure at the major rotor frequencies.

Having established load, power and bending moment spectra in the various components
for all known roles of the aircraft, it becomes necessary to condense this into simplified
loading for design purposes. One of the most important aspects of this is to establish
whether a particular role is causing an unacceptable bias in the design, i.e. excess
weight. In this case consideration may need to be given to restricting fatigue lives
in such a role, whereas the overall aim should be unlimited life whenever possible.

Basic Training comes to mind as a role where the usage may be more severe than in
normal operation.

2.2.5. DESIGN ALLOWABLES

In order to ''size' fatigue critical components to meet the loading spectra derived
above it is necessary to have knowledge of the intrinsic fatigue strength of the materials
used and to.be able to make allowances for geometric effects, i.e. stress concentrations,
and also the effect of the various manufacturing processes used and surface finishes.

It is also necessary to understand the effect of fretting. Although this must be
minimised wherever possible, by the use of surface treatments, interfacing layers etc.,
it is unlikely that components containing Jjoints etc. will ever be completely free of
this form of degradation.

In general, basic design data is generated by small scale coupon tests of the
materials in use to establish alternating Stress/No. of cycles (S/N) curves under a
variety of steady stress conditions. These tests are usually supplemented by larger
scale testing involving components representative of the proposed design. These latter
tests are normally essential where new features form part of the design or where new
materials, processes and complex geometry are involved.

In many cases the designer has at his command data from previous tests on full
scale components from earlier designs that are sufficiently similar to be utilised.
This data often provides the very best source of information.

Using all these sources of design strength estimates together with the derived
load spectra and using conventional stressing methods, the designer is then in a
position to establish the design of the prototype aircraft and components.

2.3. THE DEVELOPMENT PHASE

The objective of the Development Phase is to bring the prototype design to its
introduction into service as a full Production concept. During this phase complete
components are fatigue tested, prototype aircraft are flown to establish actual flight
loads and the preliminary fatigue substantiation is undertaken to provide an interim
fatigue lives list.
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2.3.1. DEVELOPMENT TESTING

During this phase the prototype components are subjected to a searching series
of fatigue tests. The aim is to establish the potential fatigue strengths of the parts
and relate them to the knowledge of loads becoming available from flight test.

The mode of testing may vary dependent upon type of loading and complexity of the
component. Where possible the most realistic knowledge of fatigue strength would come
from a loading programme that is related to actual flight loads. In these cases a
simple multi-level, repetitive load programme should be used. This should take into
account variation of mean load (perhaps due to centrifugal loading) where applicable.
In other cases the load pattern may be sufficiently simple to allow a constant
amplitude type of loading to be used. This often has the advantage of getting quick
results but may not necessarily reveal representative modes of failure in complex
items.

Whichever form of testing is chosen at this stage, it is a considerable advantage
to aim for failure of the part rather than a "non-break'. Apart from the obvious
reason of knowing how to modify a part that is found to be understrength from this
testing, there is very real value in knowing the strength potential of a part at this
stage as the design will inevitably be '"stretched" in the future.

If this testing indicates that the chosen design is under strength re-design has
to take place and re-testing is necessary. Some designs may need minor modification
during this stage to accommodate desirable long term production processes and the
effect of these must be assessed.

2.3.2. FLIGHT TESTING

A number of prototype aircraft are built during the development phase for various
tasks and one of these will usually be dedicated to a flight test programme of load
measurement.

Fundamental areas where load measurements must be taken are as follows:

Main and Tail Rotor Blades - Bending and torsional stress surveys along the span
of the blade.

Main and Tail Rotor Control System - Load measurements in the rotating and
stationary control rods, levers and actuators.

Main Rotor Hub - plate bending (depends on hub geometry).
Main Rotor Transmission - input and output mean and vibratory torque.
Tail Drive Transmission - mean and vibratory torque.

In addition to these major areas many ad hoc measurements are made for specific
purposes, for example, undercarriage loads, fuselage vibration, fin and tailplane
vibratory loading etc. These are usually subsidiary to the major programme on the
dynamic components and are aimed at solving specific problems.

Loads are usually measured by means of strain gauges mounted on the critical areas
of the components where possible. Calibration of the gauges would be undertaken by both
mechanical and electrical methods when practical. In some cases, for example, fuselage
vibration, accelerometers may need to be utilised when strain gauge location is difficult.
Generally speaking however it can be difficult to relate accelerometer readings to loads
and stresses and the direct methods are preferred.

Recording of the strain gauge outputs can be undertaken by a number of methods. In
the past it has been common practice to record directly onto paper trace but this has
proved unwieldy for both analysis and storage purposes. Modern practice utilises analogue
or digital recording onto magnetic tape and thus can have the advantage of being input
directly into a computerised analysis to establish load or stress spectra and indeed,
component life.

The Flight Programme itself is designed to establish loadings in the critical
components under all critical combinations of aircraft weight, centre of gravity positions
and altitudes at all forward speeds appropriate rotor speeds and in all manoeuvring
conditions such as banked turns, pull ups, transitions to hover, sideways and rearwards
flight etc.

Although the basic aim of the flight programme will be to establish loading spectra
for substantiation purposes it is quite probable that a considerable amount of exploratory
flying will be carried out at the same time to establish the optimum performance
characteristics of the helicopter. This work will require constant interfacing of the
flight test, performance and stress engineers as in many cases component fatigue strength
will determine the flight envelope boundaries. Modern methods of telemetering the
flight loading to a ground station so that critically stressed components can be
monitored during flight have assisted such exploratory work very considerably.
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Towards the end of the Development Phase the flight envelopes of speed, altitude
weight etc. will have been established. Now the fatigue loadings appropriate to all
flight conditions can, in association with flight manoceuvre spectra, be used to establish
the fatigue load spectra ready for the production substantiation.

2.4. THE PRODUCTION PHASE

The Production Phase is concerned with the final fatigue substantiation processes
in order to provide a comprehensive promulgation of fatigue lives on 2all "safe-life"
components, and inspection periods and procedures on other fatigue critical areas where
damage tolerance has been established.

Fatigue testing of the production standard component from the production line is
required in this phase and this is used in conjunction with the flight load spectrum
derived from the strain-gauge flying of the Development Phase.

2.4.1. PRODUCTION FATIGUE TESTING

Now that the design and manufacturing processes associated with the production
components have been defined it is necessary to obtain assurance of their fatigue
strength.

A number of components are selected from the production lines (inevitably in the
early stages of production) at random, for testing. The information required from these
tests is an estimate of the average fatigue strength (usually stated in the form of
an S/N curve over the range of endurances appropriate to the life and load frequencies
experienced by the part) and also some confirmation of the degree of scatter of strength
or life of the part about the average value.

In most cases at least six components (blades, hub components, control items
etc.) should be chosen to give a reasonable level of confidence.

The fatigue tests may be carried out under constant amplitude conditions, or
under a multi-level programme of loading to represent the variation in load levels during
flight. In either case the load levels are chosen in excess of the flight loading by a
factor of safety that will be discussed in the next section.

Constant amplitude tests are usually made at a series of load levels and may assist
in the definition of the S/N curve shape and the scatter of strength of the part.
However, it is not usually possible with the limited number of components tested (for
economic reasons) to obtain a high level of confidence in these results. It is preferable
to obtain information upon S/N curve shape and scatter from test on large numbers of
specimens of similar material and geometry that have been tested previously, using the
test results solely to establish mean strength.

The representation of flight loads by means of a fatigue test programme is considered
to give a more realistic estimate of strength by reducing the dependence on Cumulative
Damage assumptions. However, it is clear that the test loading can only represent the
flight loads from a specific type of flying and all roles may not be covered. The method
is to use the programme test to establish the vertical location of an S/N curve, of a
pre-determined shape, using cumulative damage methods. Subsequent life calculations will
again use the same cumulative damage methods which are then acting only as a "transfer
function" between test loads and flight loads. It is considered that such multi-level
testing will be more likely to expose realistic failure modes of a complex component
than constant amplitude testing. Certainly the effect of large fluctuation of mean
load, such as the on-off centrifugal loads on a rotor blade, can be effectively included
in such a test.

If we now turn to a consideration of the actual components to be tested it is
possible to separate these into the following sections as in para.2.2.2.

(a) Rotor Systems

(b) Transmission

(c¢) Airframe
2.4.1.(a) Rotor Systems

The main components that we are concerned with here are main and tail rotor blades,
hubs and the control linkages for these items. In addition the actuating jacks for
the controls also require test clearance.

All these items can be tested in conventional ways as described above. Account
should be taken of mean loads and fluctuation of mean load and all vibratory loading
actions should be as closely represented as possible. The items under test should be
mounted completely representatively in the rig as the stiffness of the mounting can have
a considerable influence on the stress distribution within the test component. This
usually means that the component under test would be assembled to its adjacent
aircraft parts.




Items such as main rotor blades have a considerable variation of flatwise and
chordwise bending moments along the span and the centrifugal loads decrease from root
to tip. It may be necessary with such components to test individual sections in separate
tests, such as a root end and an outboard section. Again, it may be necessary to
introduce props or resonant weight systems to test sections deemed to be critical (from
prior calculation or development tests) without unrepresentative failure in other parts
of the component.

Nowadays it is becoming common practice to manufacture major items such as rotor
blades of composite materials, for example, glass and carbon fibre reinforced plastics.
The general principles behind the substantiation procedures for these materials are
similar to those of metallic materials. However, there are some aspects that must be
given special attention. Epoxy resin systems are subject to moisture pick-up which is
accelerated at high ambient temperatures. There is some evidence that this can degrade
the strength properties to some extent and this has to be taken into account. Programmes
of coupon specimens can estimate the effects for design procedure but it may be necessary
to adopt a process of exposure of full scale specimens to climatic conditions and then
fatigue test. The exposure may be to natural or artificially produced hot /wet climates.
This is inevitably long term but until our knowledge is more complete on effects of
environment, these procedures have to be faced. Another problem is the definition of
failure in such materials. It is possible that stiffness deterioration may become the
basis but this is not agreed by all manufacturers.

Items such as control rods often have simple end loads with no mean load and
these can be tested in simple rigs or, in some cases, in universal test machines.

Hydraulic actuator jacks are a more difficult proposition as they are subject
to feed back loads from the rotor system coupled with internal pressure fluctuations
both from the feedback and from actuation pressures. All these must be represented in
a full fatigue test.

2.4.1(b) Transmission

The consequences of failure of many parts of the main and tail transmission
systems can be catastrophic, or hazardous at the least, and fatigue testing and
substantiation is just as important as for main rotor components.

Referring back to 2.2.2.(b), testing usually has to be carried out on the gear
teeth in all major gear trains, transmission shafts and couplings and the main gearbox
casing itself.

Fatigue loading on gear teeth takes the form of a pulsed load at once per gear
wheel rotational frequency. The magnitude of this load is dependent on the power or
torque being transmitted. The test will usually take the form of an overload or factored
torque test in a test rig with the gearbox running at normal speeds. Full representation
of external loadings, in order to obtain representative casing deflections, should be
applied during the test if possible. Although such a test may be undertaken at a constant
load level there are benefits of realism to be obtained by applying a programme of loads
representing aircraft power usage.

The transmission shafts and couplings would normally be tested by means of applied
repetitive torque applications representing the major changes of mean torque or power in
the system. The influence of high frequency torsional fluctuations must be accounted
for but as these can usually be shown to be non-damaging by calculation, they may not
need to be represented on the test.

The casing of the main gearbox provides a difficult challenge from the test point
of view. It is necessary to establish a load sequence that will cover major manceuvre
loadings from the main rotor, i.e. 1ift, moments and shears. The box should be assembled
with the major gear trains and repetitive application of drive torque need to be applied
during the test. Consideration has to be given to high frequency loaded components
although it may be possible to show by calculation that such loads are not significant.
Additional loads that may need to be considered if control jacks are mounted on the
gearbox are those fed back from the rotor at rotor order frequencies. These may be
covered by separate local tests.

2.4.1(c) Airframe

Conventionally the airframe of a modern helicopter is built on the principles
comparable to those in current use on fixed wing aircraft. Typically this may be of
stressed skin and stringer construction. This construction has a certain amount of
inherent fail safeness and may be subject to "Damage Tolerance'" methods of assessment.

Current assessment methods vary and may range from calculation (together with
localised testing of critical areas) to fatigue tests on a full scale fuselage. In
general, however, it is most difficult to assess the fatigue loading on a fuselage.
The manoeuvre loadings at relatively low frequency can be established without too much
difficulty and these would form the fundamental fatigue loading pattern for any test
series. However, superimposed upon this basic loading pattern is the high frequency
vibration transmitted to the fuselage from the rotor systems. This latter is often
the initiating cause of many minor (and sometimes major) cracks that can lead to
expensive repair, even though they may not immediately cause a safety hazard.



It is necessary to establish that the fuselage will have a satisfactory economic
life without major repair on the one hand and also that the probability of major
catastrophe from fatigue failure is "extremely remote' on the other.

There can be no doubt that the initial design assessment is critical in leading
to the above desirable state although it is difficult if not impossible to make
predictions of the high frequency loadings and arbitrary estimates must be made.

To substantiate the fuselage for fatigue, the best approach is probably to subject
major critical parts to a realistic programme of manoeuvre loads together with a
vibratory environment which will representatively produce fretting conditions at joint
and rivet holes.

The test would establish the lives at which fuselage cracking takes place, the
locations of such cracks and their inspectability and also the rates of crack propagation
to establish the damage tolerance characteristics of the fuselage. Further discussion of
this subject will be found in section 5.4. of this Design Guide.

There are other parts of the fuselage which have single load paths and damage
tolerance cannot be established, such as the main rotor gearbox pick-up points. These
have to be substantiated in the same way as other '"Vital' components and must have full
fatigue test programmes as described in 2.4.1.(a) above.

2.4.2. FACTORS

Fatigue testing of components shows that a considerable amount of scatter on
strength or life is always present. If S/N curves representative of the average strength
were utilised in the fatigue life estimation calculations then in service there would be
a 50% failure rate at the calculated life. This is of course quite unacceptable.

In practice, Vital Parts (i.e. those parts, the failure of which would cause
catastrophe) must be demonstrated to have a chance of failure that is "Extremely
Imggobable”. This has been quantified by some authorities as a failure probability of
10 at the specified life.

Clearly to demonstrate such safety levels demands a knowledge of the distribution
of strength of a component which cannot be established by any practical test series.
Limited work on large samples seems to indicate that in many cases there may be lower
limits to fatigue strength distribution functions. The record of past experience
suggests that factors based upon three standard deviations below the mean strength will
produce substantiated fatigue lives leading to satisfactory levels of safety in the
complete helicopter.

Having determined the guide lines upon which factors should be based, it is next
necessary to obtain scatter measurements. Ideally these would be based upon a very large
sample of the actual production component under consideration but this is invariably
prohibitively expensive and a less costly approach usually has to be made. One
possibility is to carry out tests on a limited number of components, perhaps six, and,
indeed, this is normal when establishing mean strength. Unfortunately, however, it becomes
necessary to introduce ''factors of confidence' of a significant size when predicting
scatter with small samples and this can lead to rather pessimistic overall factors.
Alternatively, factors pre-determined from previous testing of large samples, with
similar materials and surface finishes to the production components, may be used and
this does at least lead to a conformity of approach which can be measured against in-
service failure statistics.

In an ideal world common factors would be agreed by all Authorities and would
find their way into the various Requirements providing a universal basis of substantiation.
However, there is no common approach at this stage and actual factors do not always
feature in requirements. It is often left to the designer to come to a local agreement
with his Certifying Authority on the factors to be used. This is an area where
standardisation should be considered.

2.4.3. FINAL FATIGUE SUBSTANTIATION

At this stage all the information that we have gathered during the development
and production phases must be brought together to produce the fully substantiated
fatigue lives for the in-service aircraft.

This information consists of the manoeuvre spectra appropriate to all predicted
roles of the aircraft, the measured flight loads, the fatigue strength of actual production
components and the life or strength scatter factors appropriate to the required safety
levels.

For all Vital Parts it will be necessary to establish the safe fatigue life after
which the part will be discarded. The number of parts in this category should be
minimised by design and the aim should be to achieve unlimited lives wherever possible
on such parts. This will have a very significant effect on the "cost of ownership" of
the aircraft.
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With regard to the fuselage itself the design should aim to achieve a "fail-slow"
type of structure and damage tolerance analyses and tests should be used to demonstrate
that this has been successful. It is essential that fuselage structure will have a
long life free of cracking wherever possible. The structure must be inspectable so that
any cracking can be found at an early stage and repaired easily and economically.

The methods of fatigue life estimation of the safe life parts are reasonably
uniform amongst contractors. Production fatigue tests, whether carried out at constant
amplitude loading or programmed loading aims at the establishment of a mean S/N curve
for the component. This is reduced using strength and/or life factors to a "Working
Curve'". A spectrum of fatigue loads is produced for each component, these may be based
upon each individual role or may in some cases be covered by a simple "umbrella"
spectrum. Cumulative Damage methods are used to link the load spectra and working curve
to give the fatigue life of the components.

Finally, it is necessary to ensure that the manufacturing qualities achieved in
the early production stage is maintained throughout the entire length of the production
run. "Quality Control'" testing uses a sampling technique whereby items are withdrawn
at regular intervals during the production run and fatigue tests them to failure.
Acceptance bands to cover scatter are set to decide whether production is continuing
satisfactorily.

2,5. IN SERVICE PHASE AND EVALUATION OF CURRENT PROCEDURES
2.5.1. IN SERVICE EXPERIENCE

Fatigue evaluation does not stop at entry into service of the type. There must be
feedback from the operator on the fatigue performance and a full defect reporting
procedure has to be instigated.

Current procedures have led, in general, to reasonably satisfactory performance
of Vital components in service and catastrophic incidents due to fatigue failure are
rare. However, there can be no cause for complacency as such failures have happened
and no doubt will continue to do so. It is always necessary to increase our understanding
of the fatigue process.

One area where careful control must be exercised is in maintenance. It is normal
on most critical components that, on overhaul, a crack detection is carried out. Should
a crack be found this will, of course, be cause for rejection of the part. However, it
is not enough to merely put the part in the scrap-box, it must be reported and the part
returned for investigation. Only in this way can the designer have assurance that his
procedures are maintaining the required levels of safety.

During the course of fatigue substantiation attention was drawn to the importance
of the assumed flight spectrum. In some cases the operator may be able to assist by
recording significant features of his operation that can lead to an updating of spectrum
information. This can in many cases lead to in-service extension of fatigue 1life and
hence lower operating costs. Obviously the reverse could (but should not) happen and
here a safety issue may be highlighted. Several parameters that the operator could
record come to mind. For example, flight duration, time spent at high speed, time
spent in hover, time spent at high power levels. All these can lead to a first order
revision of the original assumptions of flight envelope and can make significant
changes in the life predictions for expensive components. It may be that these parameters,
and others, could be recorded continuously on a sample or even a fleet of aircraft
leading to much more realistic re-estimates of usage. This latter is one of the aspects
of "Health Monitoring'" which is now assuming increasing significance in the field of
rotorcraft operation.

2.5.2. CHANGES IN SERVICE USAGE

Finally we come to the maintenance of safety levels over the service life of the
aircraft. It is necessary now to know whether the original assumptions made regarding
the use of the aircraft remain valid over the years. The helicopter is a very versatile
machine and changes in use can be frequent. The onus in on the operator to inform the
design authority of changes in use so that re-estimates of fatigue life can take place.
The "Statement of Intent'" is the best way of transmitting this information and this should
be updated regularly.

For the future it can be expected that advances in micro-electronic technology
will lead, as part of a health monitoring system, to a continuous monitoring of changes
in usage and a protection of fatigue lives of Vital Parts.

It is our belief however that the way ahead for the helicopter is in the develop-
ment of fail safe and damage tolerant approaches to design that will eventually lead to
the elimination of the safe-life component.
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MISSION SPECTRA
Introduction

It is essential that the mission spectra are known when calculating the service life of «vital» helicopter components.

Two different methods of approach may be applied when establishing these spectra. The first involves establishing the
spectrum so that it guarantees flight safety irrecpective of the aircraft’s role and the component in question. This type of
spectrum is obviously not realistic, but provides an additional safety margin to that which should exist between flight

stress levels and component strength. This method therefore is conservative, but also has some advantages. By covering all
possible types of helicopter utilisation, a single service life figure may be applied to each type of part. When a helicopter is
used for a large variety of missions, the spectrum is not invalidated ; this provides for more flexible monitoring of parts with
limited service life and a very small risk of error in determining the number of flying hours, which in this case have the same
significance irrespective of the mission performed.

The other method of approach, on the other hand, involves dealing as far as possible with the mission specific to a particular
operator. This second approach enables fatigue damage to be calculated more realistically ; this is sometimes necessary when
the specific operation envisaged leads to excessively severe results if applied to the entire fleet. This method requires the type
of mission performed by the operator to be repetitive and the manufacturer must be informed of any significant change in

utilisation.

When the aircraft is in its prototype or production development stage, i.e. at a time when it is difficult to obtain statistical
data on the missions for which the operators will use the aircraft when it becomes available, estimated figures have to be used
to establish the spectrum needed for preliminary calculation of the service lives.

This spectrum can be established either from the type specifications used as a basis for defining the aircraft, or by extrapolation
of a spectrum which has already been defined for aircraft types with a similar role. The spectrum should then take into

account the differences in the flight envelope likely to exist between the two types of aircraft, particularly with respect to
differences in weight and balance, airspeed, load factors, etc.

If no actual data measured on an operational aircraft exist , the mission spectrum used for preliminary life calculations must
incorporate safety margins large enough to ensure both flight safety and sufficient service life to all vital parts prior to the
start of full scale production. This is essential to ensure the aircraft being a commercial success.

When the aircraft are delivered to the operators, it is possible to determine a realistic spectrum by continuous recording of some
flight parameters on several aircraft for a flying time long enough to be representative of the future life of the aircraft, and then
to perform a statistical interpretation of the recorded data.

Key mission spectrum parameters

The flight parameters to be considered when determining a mission spectrum are those likely to cause changes in loads leading
to fatigue damage.

Two types of fatigue are to be sought : vibration fatigue which corresponds to low amplitude dynamic stressing likely to
cause component failure after a large number of cycles, and low cycle fatigue which, on the contrary, produces stresses with
large changes in amplitude but with few cycles. The stress variations generally found on helicopters may be represented by the
following diagram.
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For rotor components, vibration fatigue generally corresponds to dynamic stresses whose amplitude varies for each flight
configuration, and low cycle fatigue corresponds to the ground- air -ground load variations.

For the transmission components, the types of stresses are the same except that power variations may also produce low
fatigue cycles at a higher frequency than once per flight. More particular attention should be paid to certain missions due to
the large power fluctuations involved in the transmissions. These are aerial work missions where loads are carried on the sling
and where each rotation involving picking up and setting down the load is also a low fatigue cycle. The same applies to the
rotors for training type missions which generally involve a large number of take-offs and landings together with main rotor
overspeed to simulate engine failure with an autorotative landing.

The parameters which enable one to identify the flight configurations leading to the load variations described, above are set

out in the following list. This list is obviously not exhaustive and may be optimised with respect to the characteristics of the
aircraft for which the mission spectrum is to be examined. These parameters may be associated with the helicopter itself and
its performance, but they should be related in particular to the use the operator makes of the aircraft.

Parameters to be recorded or extracted from recordings.

Aircraft weight

Longitudinal and lateral center of gravity location

Rotation speeds for main and tail rotors

Helicopter airspeeds (in level flight, climb and descent)

Load factors (aircraft attitude)

Altitude with atmospheric conditions (temperature, pressure)

Control positions :

O Collective pitch

O Longitudinal cyclic pitch
O Lateral cyclic pitch

O Tail rotor.

Power :

O Engines

O Gearboxes (main, intermediate, tail)
© Main rotor

O Tail rotor .

Torque :

O Engines

O Gearboxes (main, intermediate, tail)
O Main rotor

O Tail rotor.

Flying time :
O Number of take-offs and landings per hour of flying time.

Analysis of parameter variations

As already indicated, representative statistical data are needed if the mission svectra are to be determined correctly.

This requirement can be met firstly by using several aircraft for the recordings to allow for intrinsic variations in the helicopter
itself. At least three aircraft are needed for each type of mission. The measurement methods used may be selected from those
listed in paragraph 3.3.1. These aircraft must obviously not be affected by temporary flight envelope limitations. Emphasis
should also be placed on an important psychological aspect : the crews responsible for recording the parameters must be
perfectly aware of the established objective. The recorders must never be thought of as «spies» and the flights must take place
as though these recorders were not fitted.

The «type of mission» refers to the mission which being repeated throughout the entire life of the aircraft, will make the
calculated spectrum representative of the aircraft use.

Depending on the operator, the missions may, for example, be of a military nature (tactical flights, anti-tank flights, anti-
submarine flights, etc.) or of a civil nature (passenger transport, aerial work, off-shore work, etc .). Each of these types of
mission may be covered by a specific mission spectrum giving different service lives.

The duration of the recording should be such that the sampling for statistical processing will be representative of the flight
configurations distribution on a time basis. One method of optimising the duration of the recording is to calculate the
percentage of operation in each configuration for different recording times. When the calculation results stabilise, i.e. when
the percentages do not alter appreciably with the duration of the recording, this duration period may be considered adequate.

Generally about 100 hours flying time per aircraft gives the anticipated result.
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Processing and analysis of results

When the key parameters have been recorded using suitable equipment (e.g. magnetic tape) they can be processed and analysed.
It should be noted that it is not absolutely necessary to make a continuous recording of all the parameters given in the list in
paragraph 3.1.1. If the weight and C of G of the aircraft are known on take-off, the change in these two parameters can be
calculated for a given flight by using the hourly fuel consumption figures which are known by other means. For the power,
torque and RPM parameters, the third one can be derived from the other two. By knowing the kinematics of the aircraft, the
number of recording points may also be reduced.

When analysing the key spectrum parameters, the first task is to establish analysis levels, e.g. for aircraft weight, analysis in
stages of 50 kg seems appropriate, and stages of 1 cm for balance, 10 km/h for speed, 0.1 g for load factors, etc. When the
parameters have been processed in this way, the flight configurations can be identified by simultaneous examination of the
values obtained.

For example :

for IAS =0 Hp ~ 10 m Max. power the configuration corresponds to hover
flight in ground effect.

Since the results are processed by a computer, code factors may be entered enabling the configurations to be identified with
respect to the various parameter ranges.

The time period for each configuration is then to be established enabling the corresponding utilisation percentage to be
determined with respect to the total time.

pi = ti (time period in this configuration)

/ - x 100

percentage for the T . .
configuration total recording time

For the power spectra, it is not essential to identify the configurations since only the power level distribution on a time basis
is important when calculating damage to the gearboxes.

For the main rotor (hub + blade) the configurations generally representing the most damaging conditions are those involving
high load factors and so the latter must be analysed in detail for each speed and weight of the aircraft.

Examples of results obtained

Several mission spectra examples are given in the appendix. The first is a civil spectrum corresponding to passenger transport
operations. In this spectrum it is clearly seen that the percentage figures for helicopter utilisation in level flight are high,
whereas those for turns with load factors are very low. This is quite logical since this type of utilisation involves flying as
quickly as possible between two points and ensuring that the passengers remain comfortable.

The second example is a tactical flight spectrum obtained from recordings made on three machines over 750 hours
(3 x 250 hours).

From this spectrum, however, we can see that the operator is trying to obtain maximum benefit from the velocity of the aircraft
close to the ground. An extremely detailed evaluation of the load factors was made for this spectrum as can be seen in table
3.1.2.b. This figure shows that the values may reach 2.0 g.

The third spectrum given as an example is a military anti-tank mission spectrum. The feature which stands out is the large
percentage of hover flight configurations associated with large control movements.

For the aircraft involved, spectrum No. 1 led to limited service life for the suspension components due to their vulnerability
to damage at high speeds. Spectrum No. 2 led to limitations being applied to the control system whereas spectrum No. 3 led
to limitations on the main gearbox due to the power levels used.
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Table 3.1 -1 TRANSPORT SPECTRUM
Configuration Ho HS = 1500m | H§ = 3000 m Total
Hover IGE 4.450 0.500 0.050 5
Hover OGE 4.450 0.500 0.050 5
Rearwards flight at maximum permitted 0.356 0.040 0.004 0.4
IAS
Start of forward flight from rearward flight 0.089 0.010 0.001 0.1
Sideways flight to the right at max. IAS 0.890 0.100 0.010 1
Sideways flight to the left at max. IAS 0.890 0.100 0.010 1
Rudder reversal from turn to right in hover 0.445 0.050 0.005 0.5
Rudder reversal from turn to left in hover 0.445 0.050 0.005 0.5
Transition 1AS 2.670 0.300 0.030 3
Turn to right at transition IAS 0.890 0.100 0.010 1
Turn to left at transition IAS 0.890 0.100 0.010 1
0.5 VNE 7.120 0.810 0.070 8
0.7 VNE 6.206 0.724 0.070 7
Turn to right at 0.7 VNE (40°) 1.335 0.150 0.015 1.5
Turn to left at 0.7 VNE (40°) 1.335 0.150 0.015 1.5
0.85 VNE 15.120 1.710 0.170 17
Turn to right at 0.85 VNE (40°) 1.780 0.200 0.020 2
Turn to left at 0.85 VNE (40°) 1.780 0.200 0.020 2
0.9 VNE 25.810 2.900 0.290 29
0.95 VNE 1.980 0.498 0.022 2.5
VNE 0.890 0.098 0.012 1
1.11 VNE 0.445 0.050 0.005 0.5
Oblique climb at max. power 2.136 0.240 0.024 24
Vertical climb at max. power 2.136 0.240 0.024 24
Autorotation at NR min. 0.090 0.009 0.001 0.1
NR max. 0.090 0.009 0.001 0.1
Load factor < 1 0.445 0.050 0.005 0.5
Approach 3.015 0.350 0.035 3.5
Flare 0.356 0.040 0.004 0.4
Quick stop 0.090 0.009 0.001 0.1




Table 3.1 - 2a

TACTICAL FLIGHT SPECTRUM

Configuration Ho Ho = 1500m | Ho= 3000m Total

Hover IGE 7.779 0.699 0.262 8.740

Hover OGE 2.841 0.255 0.096 3.192

Rudder reversal from turn to right in hover 0.002 — - 0.002

Rudder reversal from turn to left in hover 0.002 — — 0.002
Start of forward flight and transition IAS

n < lg 0.318 0.029 0.011 0.358

n = 1g 4.067 0.366 0.137 4.570

n > lg 3.282 0.295 0.111 3.688

Climb (Vz > 10 m/s) 0.151 0.014 0.005 0.170

Descent (Vz < 10 m/s) 0.059 0.005 0.002 0.066

Sideways flight to right 0.077 0.007 0.003 0.087

Sideways flight to left 0.077 0.007 0.003 0.087

Level flight IAS 0.6 VNE 9.429 0.847 0.318 10.594

0.7 VNE 6.974 0.627 0.235 7.836

0.8 VNE 7.137 0.641 0.241 8.019

0.85 VNE 6.413 0.576 0.216 7.205

0.9 VNE 7.181 0.645 0.242 8.068

0.95 VNE 1.773 0.159 0.060 1.992

1 VNE 0.707 0.064 0.024 0.795

Tums in level flight (see table) 7.408 0.666 0.250 8.324

Load factor <1 1.592 0.143 0.054 1.789

Autorotation 0.322 0.029 0.011 0.362

Obstacle clearance 0.750 0.067 0.025 0.843

Approach 10.020 0.901 0.338 11.259

Flare 4.299 0.386 0.145 4.830

Aircraft on ground 6.390 0.574 0.215 7.180
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Table 3.1 -2b BREAKDOWN OF LOAD FACTORS WITH RESPECT TO SPEED

VNE
0.6 0.7 0.8 0.9 0.95 1 1.11
1.1 0.8322 0.6296 0.5626 0.5358 0.1273 0.1273 0
1.2 0.7047 0.5164 0.5362 0.5550 0.1382 0.0445 0
1.3 0.3569 0.2648 0.2401 0.2642 0.0576 0.0161 0
1.4 0.0963 00722 0.0727 0.0789 0.0190 0.0060 0
1.5 0.0305 0.0226 0.0233 0.0250 0.0060 0.0017 0
1.6 0.0063 0.0044 0.0060 0.0062 0.0008 0.0003 0
1.7 0.0076 0.0057 0.0054 0.0063 0.0015 0.0002 0
1.8 0.0047 0.0036 0.0026 0.0036 0.0007 0 0
1.9 0.0012 0.0010 0.0008 0.0011 0.0002 0 0
2 0.0034 0.0026 0.0020 0.0028 0.0005 0 0




Table 3.1 -3 ANTI-TANK MISSION SPECTRUM

Configuration %
Ground load 1.1 Ground idle (0.3 % taxiing) 2.6
1.2 Vertical take-off (2 per hour) 0.5
1.3  Landing (2 per hour) 0.5
Steady hover 2.1  Hover IGE 1.5
2.2 Hover OGE 5.2
2.3 Hover forwards 5
2.4 Hover rearwards 3.5
2.5 Hover to right S
2.6 Hover to left 5
Steady forward flight
3.1  Level flight 0 to 50 km/h 3
3.2 Level flight 50 to 150 km/h 9.3
3.3 Level flight cruise speed 20
3.4 Level flight VNE 3.7
3.5 Level flight VD 1.3
Other steady flight configurations
4.1 Sidewaysflight to left 1.2
4.2 Sidewaysflight to right 1.2
4.3 Climb at max. continuous power 2.1
4.4  Vertical climb a take-off power 2
4.5  Climb at maximum power 1.1
4.6 Descent at reduced power 3
Transitions 5.1  Transition from forward flight to autorotation 0.250
5.2 Transition from autorotation to power on flight 0.250
Flight manoeuvers
6.1  Cyclic and collective pull-ups 1.000
6.2 Flare 1.000
6.3 Quick stop 0.600
6.4  Turns to left up to 180 km/h 4.500
6.5 Turns to right up to 180 km/h 4.500
6.6  Turns to left from 180 km/h to Vmax. 1.025
6.7  Turns to right from 180 km/h to Vmax. 1.025
6.8  Change of turn to left 61 to 120 km/h 0.7
6.9  Change of turn to right 61 to 120 km/h 0.7
6.10  Change of turn to left 121 to 180 km/h 0.5
6.11  Change of turn to right 121 to 180 km/h 0.5
6.12  Rotation to left about yaw axis 0.875
6.13  Rotation to right about yaw axis 0.875
6.14  Lateral reversal 1.1
6.15 Longitudinal reversal 1.1
6.16  Rudder reversal 1.1
6.17  Rolling pull-out 0.3
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Configuration (continued) %o
Autorotation 7.1  Autorotation descent 0.3
7.2  Lateral reversal 0.1
7.3  Longitudinal reversal 0.1
7.4  Rudder reversal 0.1
7.5 Turns to left up to 200 km/h 0.150
7.6  Turns to right up to 200 km/h 0.150
7.7 Autorotation landing 0.100
Take-off and landing on slopes
8.1  Take-off from a 7° slope to left 0.120
8.2 Take-off from a 7° slope to right 0.060
8.3  Take-off from a 10° slope to left 0.010
8.4  Take-off from a 10° siope to right 0.010
8.5 Take-off from a 7° slope nose down 0.015
8.6 Take-off from a 7° slope nose up 0.015
8.7 Take-off from a 12° slope to left 0.010
8.8 Take-off from a 120 slope to right 0.005
8.9 Take-off from a 14 slope to left 0.005
8.10 Landing on a 7° slope to left 0.120
8.11 Landing on a 7° slope to right 0.060
8.12 Landing on a 10° slope to left 0.010
8.13 Landing on a 10° slope to right 0.010
8.14 Landing on a 7° slope nose down 0.015
8.15 Landing on a 7° slope nose up 0.015
8.16 Landing on a 12° slope to left 0.010
8.17 Landing on a 129 slope to right 0.005
8.18 Landing on a 149 slope to left 0.005




SUB-CHAPTER 3.2
LOAD PREDICTION

CONTENTS
3.2.1 ROTORS
by W.F.White and R.L.Tomaine

3.2.2 TRANSMISSION SYSTEM
by R.Garcin

3.2.3 AIRFRAMES
by Ph. Petard

29



3.2.1 ROTORS

by
William F.White
Directorate for Development and Qualification

U.S. Army Aviation Research and Development Command
St. Louis, MO 63120, USA

and

Robert L.Tomaine
Directorate for Advanced Systems
U.S. Army Research and Development Command
St. Louis, MO 63120, USA

CONTENTS

3.2.1.1 INTRODUCTION

3.2.1.2 ROTOR OPERATING ENVIRONMENT

3.2.1.3 SUMMARY OF ROTOR LOADS ANALYSES

3.2.1.4 STATUS OF STRUCTURAL MODELING

3.2.1.5 STATUS OF TWO DIMENSIONAL AERODYNAMIC MODELING
3.2.1.6 STATUS OF THREE DIMENSIONAL AERODYNAMIC MODELING
3.2.1.7 STATUS OF INFLOW MODELING

3.2.1.8 CORRELATION

3.2.1.9 REFERENCES

3.2.1.10 SYMBOLS

3.2,1.1 Introduction

In the design of rotor dynamic components, relationships between the magnitude of flight loads and
fatigue strength must be established. It is important then that both the fatigue strength of the
components and the oscillatory loads expected in flight be accurately established in the design stage.
During the design stage, estimation of fatigue strength is made using fatigue strength data from previous
component tests of similar parts. Because of the large amount of fatigue testing that has been
accomplished over the years, the estimate of component fatigue strength is done with a relatively high
degree of confidence. Accuracies of fatigue life assessment of components, therefore, depend largely on
the accuracy of rotor loads predictionms.

One method of predicting rotor loads is to extrapolate flight test data from helicopters which are
dynamically and aerodynamically similar to the helicopter being designed. This method proved to be
simple and economical when metal rotor components were used, high speed computer and modern sophisticated
aeroelastic rotor analyses were not available, and desired helicopter vibration levels were not very
stringent. The second method is to use analytical predictions. It is recognized that the prediction of
rotor loads i1s one of the most demanding problems in rotary wing technology since it involves a highly
nonlinear aeroelastic response problem. Rotor loads, however, are basic to determining fatigue life,
reliability, flight envelope limitations, and ride comfort. Ultimately, the accuracy of rotor loads
analyses have a large impact on system development cost and productivity. Much effort has been devoted
to the development of sophisticated methods for calculating rotor loads, but these methods necessarily
depend on approximations and empiricisms because the aerodynamic and structural phenomena involved are
not completely understood. ’

The 1973 AGARD Specialist Meeting on Helicopter Rotor Loads Prediction Methods (Reference 321.1) was
a milestone in documenting the state of the art of loads prediction and in defining areas for further
research and development. High speed computers had allowed incorporation of the latest generation of
aerodynamic and structural technology into analyses which were rapidly evolving into global models. 1In
1974, Ormiston in Reference 321.2 conducted a unique comparison of loads programs by comparing results
for a set of standard cases for a very simple hypothetical rotor system. As noted in Reference 321.2,
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large differences existed even at the most fundamental levels such as airfoil data and blade frequencies.
Ormiston's paper noted that the large differences may not necessarily reflect on the adequacy and value
of these analyses as design tools. In fact, industry experience has shown that with accumulated
experience from many calculations for familiar configurations, various empirical factors can be adjusted
to provide reasonable results for some parameters. However, the adequacy of these loads analyses as
design tools remains undocumented.

Reference 321.3 addresses the progress in rotor loads technology since this 1973-1974 period. As
noted in Reference 321.3, there has been continued progress in the fundamental technology areas of
structural dynamics and aerodynamics. Structural dynamic modeling in existing operational loads analyses
still consists of relatively simplified modal or finite element procedures. In many applications, the
structural dynamic representation of the rotor involves relatively simple analyses based on engineering
beam theory. In the past decade, as noted in Reference 321.3, considerable emphasis has been placed on
application of finite element methods to permit coupling of the complex components of the rotorcraft by
automated techniques suitable for assembling finite elements and substructures. These efforts have
primarily resulted in exploratory pilot programs.

In the aerodynamics area, Reference 321.3 noted the many advances in basic understanding, but
concluded that most of the aerodynamic advances in operational rotor loads programs have involved
relatively modest changes. The aerodynamic models used in rotor loads analyses are characterized by
heavy reliance on empirical techniques. Lifting line theory with two-dimensional airfoil data as a
function of angle of attack and Mach number is almost universally used for blade aerodynamic loads. Many
analyses incorporate approximate or semi-empirical corrections for the effects of dynamic stall, yawed
flow, three-dimensional flow, and vortex/blade interactions. Empirical techniques are used either
because existing aerodynamic theories are not able to model the complex viscous and compressible flow of
the rotor blade or because a rigorous application of the theory leads to an impractical numerical
problem. There have been substantial improvements in understanding and acquiring steady and unsteady
airfoil data. Much additional work is required in lifting surface analyses and inflow modeling. Inflow
modeling has evolved relatively slowly in the past decade with the most significant progress in the
ability to predict the change in inflow velocities due to the flow field generated by the fuselage.

In addition to the basic disciplines of aerodynamic and structural mechanics, numerical solution
techniques require additional and perhaps equal emphasis by the rotor loads specialist. The results of
numerous studies indicate that accuracy is compromised by numerical techniques and procedures used to
solve the equations of motion. Difficulties have been encountered in achieving converged solutions, in
reaching the desired rotor lift levels, or in avoiding apparent blade motion instabilities. Considering
the complexity of the large number of highly coupled, nonlinear equations, difficulties of this type are
not surprising. In the past decade, there has been limited discussion of these problems in the
literature, but they appear to be significant.

3.2.1.2 Rotor Operating Environment

As shown in Figure 321.1, a helicopter blade in the process of one revolution encounters a rapidly
varying aerodynamic environment due to the relative magnitudes of rotational and forward flight
velocities. A complicated flow field is established by the rotor ‘wake which is a primary factor in
developing the unsteady flow environment of the rotor blade. At low advance ratios corresponding to the
transition region, the induced velocity field of the rotor wake is the major contributor to high
vibratory airloads. Flight in this region results in the tendency of the wake to be drawn close or into
the plane of the rotor disc. When this occurs, large higher harmonic components of inflow exist and
result in high loads. At high advance ratios, blade sections experience rapid variations in the flow
environment at various azimuthal locations. Blade sections experience compressible flow into the
transonic region and also execute complex unsteady motions into stall. Unsteady wake effects manifest
themselves as contributions to higher harmonic airloads and provide the environment for dynamic stall.

Excitation of the rotor blade from this rapidly varying aerodynamic environment is fundamental to the
operation of the rotor, and forced response cannot be eliminated. The degree of blade response is
governed by its dynamic characteristics and determined by the harmonic content of aerodynamic and
inertial loads. The transfer of rotor loads through the shaft to the airframe is one of the two major
vibration load paths shown i Figure 321.2. On the basis of very general consideratioms, it can be
demonstrated that the rotor acts as a filter which transmits to the airframe only discrete harmonics of
blade loads. Generally, the blade lower harmonics (N-1) @, N, and (N+1) € are most significant. As
these loads are transmitted from the rotating blade to the airframe, variable hub forces and moments are
produced. These varying loads have only the discrete harmonics of N © and multiples thereof. If the
blades are not identical, other harmonics such as £, 28 , 38 , etc., may be present.

The second major load path illustrated in Figure 321.2 is the transfer of loads through wake
interactions. As illustrated in Figure 321.3, aerodynamic interaction includes excitation of the
fuselage due to rotor downwash, flow disturbances in the plane of the rotor due to the presence of the
fuselage, and rotor to rotor wake interference. Thus, wake interactions provide a load path independent
of the shaft and may also significantly modify the loads transmitted through the shaft. The problem
related to wake interactions are of increasing concern due principally to the requirement that the
helicopter be readily transportable. One significant characteristic that results from this requirement
has been a narrow gap between the blades and the top of the airframe. Because of this, the surface
pressures due to blade proximity can be considerably higher than they are with more conventional
separation distances. A reduction of the rotor/airframe separation distance by one blade chord can
double the amplitude of vibratory pressure inputs to the fuselage. An additional major source of
helicopter fatigue loads involves aerodynamic excitation of the empennage. The sources of aerodynamic
excitation include main and tail rotor wakes, fuselage, engine nacelle and pylon/hub flow disturbances.
These combined excitations include a broad range of excitation frequencies which causes a formidable
problem in designing empennage structural dynamic characteristics to avoid excitation harmonics. In
addition to resulting in high empennage fatigue loads, the excitations may excite major fuselage modes
causing high cabin area vibratory responses.
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The airframe can have a significant effect on the flow field in the plane of the rotor disk.
Fuselage upwash increases the blade angle of attack over the forward portion of the rotor disk and can
induce blade stall. This results in an impulsive blade loading with each passage through this region and
may produce significant response in all the lower flapwise and chordwise bending modes. Since the
fuselage of the modern helicopter tends to extend farther and farther forward, relative to the rotor hub,
any disturbance it causes is moved farther outboard along the blade, to a region of high dynamic
pressure, and the effect is likely to be accentuated. With earlier generations of rotorcraft, this was
less critical. Rotors were generally not as heavily loaded, flight speeds were lower, and more
importantly, the rotor and airframe were well separated.

3.2,1.3 Summary Of Rotor Loads Analyses

In the past two decades, significant research has focused on the basic disciplines of rotor
aerodynamics and structural dynamics. Major advancements have been realized in many areas such as
variable inflow, steady and unsteady aerodynamics, airfoil data, and blade aeroelastic coupling effects.
The wide range of research has contributed significantly to an improved understanding of the rapidly
varying and complex operating environment of the rotor. In the analytical representation of the rotor,
the last two decades have been marked by a progressive removal of constraints forced by a combination of
a limited computational capability and an imperfect understanding of the realities of the flow field.

The latter constraint has been removed somewhat by a steadily growing data base; the result of systematic
flight testing and wind tunnel work at model and full scale. The data have provided the guide, and
computers have improved both in terms of capacity and speed; and as a result, current analytical
capability provides a basic foundation for improving fatigue design methodology. However, improvements
in rotor loads analyses have not been commensurate with improvements in the basic disciplines of
aerodynamics and structural dynamics. In the past two decades, major helicopter manufacturers initiated
these analyses to support development programs and gradually modified and extended their capability with
advances in the state of the art. These developments, particularly in industry, have usually been driven
by a need to solve a specific problem with limited time and resources available. This section provides a
summary definition of existing industry rotor loads analyses. The originating organization and computer
program names are identified in Table 321.1. These programs encompass a rather wide variation of
sophistication and capability. Several are multi-use "global" programs that include rotor loads
prediction as one of several capabilities. Others were developed primarily for predicting rotor loads.
Table 321.2 through Table 321.7 defines the functional capability of existing analyses.

Airfoil aerodynamics and induced downwash are determined by a variety of methods. Static airfoil
properties are usually based on experimental data, using a table look-up procedure, with unsteady wake
effects approximated by Theodorsen theory below stall. Unsteady aerodynamics in the stall regime, i.e.,
dynamic stall, is treated by several semi-empirical methods (Table 321.3). The effects of yawed flow on
lift and drag are included for some methods. The rotor loads programs include a variety of methods for
calculating nonuniform induced downwash (Table 321.3). Most are based on a lifting line theory with a
finite element (potential vortex filaments) representation of the trailed and shed vorticity. Induced
velocities are calculated from the Biot-Savart law.

Modal equations are obtained from the partial differential equations of a rotating beam, and the
generalized coordinates of the normal modes are the system degrees of freedom. Finite element equations
are based on the force and moment equilibrium of a lumped mass or elemental segment of the blade and each
element requires several degrees of freedom. In either the modal or the finite element representation,
the coupling between degrees of freedom is important. This is difficult to summarize and the information
in Table 321.4 is far from definitive.

The numerical integration solution methods defined in Table 321.5 integrate the equations of motion
in time from an arbitrary, assumed initial condition until a suitably converged solution is achieved. A
variety of initial conditions, convergence criteria, convergence rates, integration methods, step sizes,
etc., is used. The harmonic response solution methods generally calculate structural response using
airload harmonics based on previously assumed blade motion and structural response. Iterations between
the response and airloads continue until a converged solution is achieved.

The comparative study of Reference 321.2 presents a perspective on the state of the art in rotor
loads analyses. A hypothetical rotor was defined and existing loads analyses were used to calculate
rotor blade loads, vibratory hub shears, and other parameters. The following conclusions summarize the
findings of this study with respect to the relative quantitative accuracy of these analyses:

a. Rotor forces, power, control positions, and blade flappings generally showed small to moderate
differences.

b. Flapwise bending moments showed small to moderate differences that increase with advance ratio.
c. Chordwise bending moments showed moderate to large differences for all advance ratios.

d. Torsional response showed moderate to large differences, especially at high advance ratio.

e. Blade root vibratory shears showed large to very large differences.

Reference 321.2 was unique in that all methods were applied to the same set of standard cases for a
hypothetical rotor. The results were surprising with respect to the relatively wide variation in loads
predicted by the different methods. Figure 321.4 shows, for example, the large range in loads predicted
for a typical operating condition. The methods all employed variable inflow and unsteady stall
aerodynamics of one form or another. In examining the results, it was clear that differences existed in
both the aerodynamic and structural formulation of the methods. Figure 321.5 shows that large
differences existed even at the most fundamental level, namely that of steady state airfoil data. Figure
321.6 shows that differences also existed at the fundamental level of predicting in~vacuo blade natural
frequencies. The variations seen in aerodynamic pitching moment and torsion natural frequency are
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particularly important because the torsional response of the blade couples directly with the aerodynamic
loading. Reference 321.2 concluded that: "Difficulties in the results arise from all three basic areas:
numerical solution techniques, structural dynamics, and aerodynamics,"

3.2.1.4 Status Of Structural Modeling

One of the main results of Reference 321.2 was the large differences in chordwise bending moments and
vibratory shears even when nonlinear aerodynamic phenomena were absent or negligible. This indicated
that important differences exist in structural dynamic modeling, probably due, in part, to different
assumptions and approximations for structural/inertial coupling and, in part, to an inadequate
fundamental knowledge of the mechanics of a flexible rotating blade. The results indicated that
structural coupling effects are significant, that different approximations and assumptions are in common
use, and that the validity of these approximations needs to be examined more closely.

Structural dynamic modeling of the rotor comnsists of relatively simplified modal or finite element
procedures. Modal equations are obtained from the partial differential equations of a rotating blade,
and the generalized coordinates of the normal modes are used as the system degrees of freedom. Finite
element equations are based on the force and moment equilibrium of an elemental segment of the blade. In
many applications, the structural dynamic representation of the rotor involves relatively simple analyses
based on engineering beam theory. A recent correlation (Reference 321.4) of several analyses with data
from a full-scale rotor blade operating in a vacuum showed reasonable agreement for conditions of minimum
structural coupling and relatively simple root boundary conditions. However, the applicability of
existing loads analyses for conditions of significant structural coupling from geometric, inertial, or
elastic effects is unresolved. In general, operational loads analyses contain an incomplete structural
dynamic representation of complex boundary conditions, such as control of kinematic constraints, dampers,
and hub flexibility. As compared to state of the art structural dynamic modeling capability, the methods
used in the vast majority of operational rotor loads analyses are antiquated techniques with limited
versatility to model complex structures. Incomplete structural dynamic modeling influences the accuracy
of rotor loads analyses, but more significantly, directly impacts basic rotor blade design. For example,
separation of blade frequencies from appropriate harmonics of the excitation is a fundamental fatigue
design consideration yet this is a major and recurring problem in recent helicopter development programs.

The aeroelastic nature of the rotor loads problem has focused attention on the rotor blade structural
model as an area for introducing improvements. The accurate simulation of the structural and dynamic
behavior of a rotor blade is less difficult than the accurate simulation of aerodynamic excitations. On
the other hand, even at this time, the requirements for accurate structural simulation are not understood
fully. There is a consensus that careful attention has to be paid to factors influencing blade torsiomal
deflections.

Hodges in Reference 321.5 has derived equations valid to second order for homogeneous, isotropic
beams undergoing moderate displacements. These equations are the basis of a finite element aeroelastic
stability analysis, embodied in the GRASP program, now in development. Progress has been made in
identifying some of the considerations for introducing more consistent normal modes coordinates in the
blade response equations. References 321.6 and 321.7 discuss additional terms in the blade response
equations required when coupled modes are employed to express the equations in normal modes coordinates.
It was found in Reference 321.7 that additional stiffness terms arise because the blade pitches at angles
different from the distribution used to obtain the coupled modes. Application of this approach described
in Reference 321.7 did not lead to an unqualified selection of coupled or uncoupled modes. Nevertheless,
these considerations are indicative of the attention being paid to the structural and dynamic
representation.

Representations of structural redundancies characteristic of modern rotor blade designs have been
introduced in several analyses available or under development. Multiple load path representations are
available, for example, in the Boeing-Vertol C-60 and the Sikorsky ET499 analyses. These analyses are
based on a Myklestad transfer matrix formulation and are limited to a harmonic balance solution. At
present, these analyses are not able to represent transient phenomena. Figure 321.7 shows that moment
distributions predicted by the Sikorsky ET499 program agree more closely with test data vibratory
amplitude than the results obtained by the Sikorsky normal modes method Y200 of Reference 321.8. While
systematic study has not yet been conducted to identify conclusively the causes of the differences, the
key assumptions are believed to be the use of uncoupled modes, the assumption of low twist and the use of
a modal displacement method to express moments in the modal analysis.

An avenue being followed to represent structural redundancies is a formulation based on the finite
element displacement method. The GRASP program (unpublished work by Hodges) mentioned above is an
example of such an analysis. An advantage of this approach is its ability to permit coupling of the
blade to the airframe, control system, and structural restraints by means of automated techniques
suitable for assembling finite elements and substructures in the context of a displacement method.

3.2.1.5 Status Of Two Dimensional Aerodynamic Modeling

The aerodynamic models used in rotor loads analyses are characterized by a heavy reliance on
empirical techniques. Lifting line theory with two-dimensional airfoil data as a function of angle of
attack and Mach number is almost universally used for blade aerodynamic loads. Many analyses incorporate
approximate or semi-empirical corrections for the effects of dynamic stall, yawed flow, three-~dimensional
and compressible flow at the tip, and vortex/blade interactions. Empirical techniques are used either
because existing aerodynamic theories are not able to model the complex viscous and compressible flow of
the rotor blade, or because a rigorous application of the theory leads to an impractical numerical
problem.

One of the most basic requirements in any rotor loads prediction analysis is the ability to determine
the aerodynamic forces and moments at discrete blade sections. This has traditionally been done by
calculating the local velocities and angles of attack and yaw (or sweep) and then using the measured
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aerodynamic characteristics for two dimensional airfoil sections. As pointed out in Reference 321.2,
however, substantial differences are apparent even at this very basic level, e.g., see Figure 321.4.
Obviously, if one analysis was capable of precisely predicting the flow conditions and blade dynamic
response different load predictions would still result because of uncertainty in airfoil data. It has
been demonstrated and known for some time that different characteristics very likely will be obtained for
the same airfoil section tested in two or more tunnels. This can be attributed to several factors
including model surface quality, the Reynolds number differences, tunnel turbulence level, floor and
celling interferences, wall interferences, and, to some extent, data acquisition techniques.

The dependency on empiricism for unsteady airfoil characteristics and, in particular, dynamic stall
characteristics was also cited in Reference 321.2 as a deficiency in the prediction of rotor loads.
While progress has been made in this area, it has predominantly been progress in obtaining additional
experimental data and in investigating the basic features of dynamic stall. Reference 321.9 provides a
good summary of what has been learned about dynamic stall and the current status of prediction
techniques. Several prediction techniques are described and discussed by McCroskey in Reference 321.9
that are empirical in nature and each incorporates certain simplifying assumptions and shortcomings. As
pointed out by McCroskey, each method manages to reproduce reasonably well the data sets used in its
development, but almost no correlation has been demonstrated in reproducing independent data sets. A new
semi-empirical technique has recently been developed by Gangwani in Reference 321.10. This method
explicitly accounts for the formation and streamwise movement of the vortex shed from the leading edge.
It also incorporates the effects of nonzero sweep angles.

A major contribution to the available data base and the understanding of dynamic stall phenomenon is
reported in Reference 321.11. This work included tests of eight airfoils and an attempt to quantify the
effects of several aifoil design parameters on the dynamic stall characteristics. Figure 321.8 presents
the maximum 1ift achieved by seven of the sections tested. This figure shows that the 1ift increment due
to deep dynamic stall, i.e., vortex dominated, large airload fluctuations, is not significantly different
for the airfoils tested but the lift increment obtained at dynamic stall onset is affected by airfoil
shape.

3.2.1.6 Status Of Three-Dimensional Aerodynamic Modeling

The blade element approach has been the traditional method of obtaining blade loads. This method
assumes that each blade section behaves as if it were on a two-dimensional wing. The method applies to
steady and unsteady conditions, but is not applicable for three-dimensional conditions, e.g., when a
vortex passes near a blade or at the tip of a blade. Progress has been made at the fundamental level in
developing three-dimensional, quasi-steady and unsteady, subsonic and transonic analyses. These analyses
are referred to as blade analyses to imply that thickness effects are considered.

An inviscid, nonconservative, potential flow, quasi-steady lifting blade analysis is described by
Arieli and Tauber in Reference 321.12, This method is an extension of a full potential code developed by
Jameson (Reference 321.13) for fixed wing applications. The method currently accounts for only a single
blade and, therefore, the wake induced flow field is incomplete. It also cannot currently account for
tip vortex.roll up and makes assumptions regarding the location of the vortex sheet to facilitate the
derivation of the solution in transformed space. Results from this method are compared to experimental
data and two-dimensional calculations for a station near the tip of a non-lifting rotor blade in Figure
321.9. For this station on the advancing blade, the calculation agrees well with experiment and the
three-dimensional effects are significant. The three-dimensional characteristics shown near the tip
could have large effects on the predicted blade loads and moments.

Another three-dimensional analysis under development is described in References 321.14 and 321.15.
The mathematical model used in this method is a three-dimensional, unsteady (low frequency) small
disturbance transonic model. Figure 321.10 shows the correlation of this method from Reference 321.16
with measured non-lifting rotor results at 90% radius and an azimuth of 120°. Good correlation is shown
for the unsteady calculation whereas the quasi-steady calculation fails to model the chordwise pressure
distribution. This same characteristic was shown by Arieli and Tauber in Reference 321.12 at 120° and
indicates that accounting for the flow history is important.

The quasi-steady, lifting blade and the unsteady non-lifting blade analyses discussed have been used
to analytically assess the impact of three-dimensional effects on the advancing tip. The results, to
date, suggest that these effects on blade loads could be large. Also, practical techniques for modeling
these effects in actual load prediction programs are required. An example of a practical lifting surface
implementation for the blade vortex encounter problem is contained in the analysis of Reference 321.17.

3.2.1.7 Status Of Inflow Modeling

The ability to determine the aerodynamic loading on the blade requires the ability to predict the
flow conditions to which each section of the blade is subjected as well as the blade motions. The
history of predicting the induced inflow has evolved from uniform momentum models to longitudinal skewed
momentum models to longitudinal/lateral skewed momentum models to discrete vortex models (sometime
including the shed wake due to the time dependent 1ift) and wake distortions. It was shown by
Arcidiacomo in Reference 321.1 that the nonuniform inflow associated with the vortex methods was
necessary to better represent the airload character at least at some radial locations on the blade. To
calculate higher harmonics of aerodynamic loads vortex-wake models are in use. As the computing times
are nearly equal for rigid-wake and prescribed-wake analyses, models such as the experimental-prescribed-
contracted-wake model shown in Figure 321.11 are preferred (reference 321.18). The blade is represented
by a lifting line and the wake is divided into an inboard section and the tip vortex. 1In the near wake,
meshes of trailed and shed vortices form the inboard section, whereas a bundle of trailing vortices forms
the tip vortex. In the mid wake the shed vortices are omitted and in the far wake there are only two

single tip and root vortices. Wake geometry is taken from experimental investigations of Landgrebe
(Reference 321.19).
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A more adequate represenation of the wake geometry in forward flight might be obtained by using
free-wake analysis such as the free-wake model of Sadler, see Figure 321.12 and Reference 321.20. The
blade is again represented by a lifting line and the wake is calculated by a process similar to the
start-up of a rotor in a free stream. An array of discrete trailing and shed vortices is generated with
vortex strengths corresponding to stepwise radial and azimuthal blade circulations. The array of shed
and trailing vortices is limited to the near wake whereas an arbitrary number of trailing vortices form
the far wake. The end points of the vortex elements are allowed to be transported by the resultant
velocity of the free stream and vortex-induced velocities. Calculation is terminated when the vortices
trailing from the blade during the first azimuthwise step no longer influence points of interest near the
rotor disc. The results are wake geometry and wake flow data in addition to wake influence coefficients
that may be used to calculate blade loads.

Perhaps the most significant progress in predicting the rotor inflow field has been the ability to
predict the change in the inflow velocities due to the flow field generated by the fuselage. The use of
potential flow panel methods such as that described in Reference 321.21 allows the calculation of the
fuselage induced velocities at the rotor blade and the blade aerodynamic analysis can then account for
the change produced in local blade loading and the wake stremgth. Figure 321.13 from Reference 321.22
shows the experimental and calculated differences in the blade flatwise bending moment with and without
the fuselage. Certain features of the fuselage effect are reasonably well predicted; however, the
effects in the first and second quadrant are poorly represented. Reference 321.22 also describes tests
in which the effect of the fuselage on rotor loads is systematically measured.

3.2.1.8 Correlation

Although the verification of an analysis is often based upon correlation results, there are many
factors other than accuracy of the analytical methodology employed in the analysis which can cause
serious discrepancies in correlation results. These include: inputs to the analysis, measurement
accuracy of the experimental data, uncertainties in the vehicle and rotor trim state, atmospheric
conditions such as gust and turbulence, and the experience of the user. Perhaps the least investigated
of these factors is the vehicle and rotor flight state. In many of the loads analyses, the vehicle trim
(fuselage and rotor) is calculated externally and trim state differences can directly and indirectly
affect the computation of blade loads and hub loads. 1In effect, any error or lack of proper theoretical
formulations in the analyses are compounded by these factors. In order to verify any analysis through
correlation, all of the above factors must be considered.

As is the case of any correlation study, the "best" results are obtained by the originator and most
frequent user of the particular analysis. Results are dependent on a thorough knowledge of the program
and proper interpretation of the extensive input requirements and output quantities. Thus, as a general
rule, when an organization attempts to execute an externally developed analysis, the correlation results
are not as "good" as internal users have experienced. The few studies published by other than the
originators (see Reference 321.24 and 321.25) tend to be much less favorable. This situation has several
possible explanations; the input quantities may be inaccurate, the user may not understand how to use the
analysis effectively, or there may be too many empirical inputs which require adjustment to provide
favorable correlation results.

In general, rotor loads analyses exhibit relatively poor correlation in low speed translational
flight, in high speed level flight where significant blade stall is encountered, and in high load factor
maneuvers. Most of the analyses provide acceptable steady state and peak-to-peak flapwise load
predictions for moderate flight conditions. Edgewise correlation is consistently less accurate.
Torsional bending moments and pitch link loads are normally more difficult to predict, especially at high
advance ratios.

The problem associated with predicting rotor loads in low speed translational flight is associated
with the -inability to accurately estimate rotor inflow. Flight in this region results in the tendency of
the wake to be drawn close or into the plane of the rotor disc. When this occurs, large higher harmonic
components of inflow exist and result in high vibratory loads. This is illustrated by the flight test
measurements of Reference 321.18. Figure 321.14 shows results of harmonic airloads as a function of
multiples of the rotating frequency for 30, 50, and 70 kts horizontal flight speeds. A comparison of the
results indicates a harmonic decay for the different airspeeds, whereas the absolute magnitudes of
amplitudes increase with lower flight speeds. Figure 321.15 shows corresponding harmonics for variations
in the vertical speed component, i.e., climb and descent at 30 kts airspeed. In climb the harmonic
airloads show a strong decay versus frequency, indicating that nearly no vortex-interactions occur. In
contrast to this favorable variation, the curve for the descent case is marked by large amplitudes at
high harmonics, indicating severe vortex interactions. Further results from the transient flight
conditions are shown in Figure 321.16 comparing the aerodynamic exciting forces during a landing flare
condition. Two observations from this figure are: first, the higher harmonic amplitudes evident in the
diagram are even exceeding the 1Q and 2Q trim loads; and second, that aerodynamic exciting forces
change quite rapidly within one second during this flight condition.

Rotor loads analyses generally provide acceptable results for flapwise and edgewise loads at
moderate level flight trim conditions. Typical correlation of the Sikorsky Aircraft normal modes Y200
analysis with CH-53A flight test data is shown in Figure 321.17 (from Reference 321.26) using two
unsteady aerodynamic models and variable inflow. As can be seen, blade stresses correlated well with
both unsteady models. However, push rod loads calculated with the Time Delay Model are much less than
values calculated with the o , A, B Method and flight test values. Neither analytical model predicts the
initiation of torsional response at approximately 180 azimuth angle. The calculated build up of push
rod loads and blade stresses with airspeed is compared with flight test data in Figure 321.18. Both
unsteady methods predict satisfactorily the increases in blade moments as stall is penetrated. Best
correlation of the rise of control loads in stall is obtained with the o, A, B Method.

Typical correlation (from Reference 321.27) of the Bell Helicopter Textron rotorcraft flight
simulation program C81 is shown in Figures 321.19 and 321.20. Calculations were made using unsteady
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aerodynamics. Two airspeeds were selected at each CG condition, V. and 0.8 V_. Correlation of rotor
loads is good at 0.8 V. for both CG conditions. However, at V_, Cgl underpregicts both beamwise and
chordwise moments at forward CG and overpredicts those at aft €G.

Measured and calculated pitch-link-load variation with speed for two different CG's are given in
Figures 321,21 and 321.22. The analytical data were obtained using unsteady aerodynamics. Past
experience with C81 has shown that in order to achieve oscillatory pitch link loads correlation, the
unsteady aerodynamics option must be used. Past experience has also shown that a good definition of
airfoil pitching moment characteristics is required for accurate prediction of both steady and
oscillatory components of the pitch link load. The importance of using unsteady aerodynamics in
pitch-link-load predictions is depicted in Figures 321.23 and 321.24. Shown in these figures are
comparisons of flight test pitch link load waveforms with those calculated by €81 with and without
unsteady aerodynamics. Both forward and aft CG conditions were analyzed. The data show that the use of
the unsteady aerodynamic model not only improves the correlation in phase, but also the one- and
two-per-rev magnitudes as evidenced by the time history waveforms.

Typical correlation of the Westland Helicopters Limited coupled mode rotor loads prediction program
R150 is shown in Figures 321.25 and 321.26. Good correlation is indicated for flapwise and edgewise
bending moments.

It is rare that any analysis correlates with test data on an absolute basis. Rotor loads analyses
are no exception in this regard, as indicated by the preceding figures. However, often analyses lacking
absolute correlation can be used to predict trends having been anchored to some reference data point.
Figures 321.27 and 321.28 and 321.29 from Reference 321.3 show the application of the Sikorsky Normal
Mode Analysis Y200 in this manner, Here the analysis is used to predict the effect of tip shape changes
tested in Reference 321.22 on key blade loads. The results are normalized in terms of the rectangular
tip loads at one gross weight and compared with similarly normalized data taken from Reference 321.22.
The beneficial effects of advanced tips on flatwise moments and control loads are predicted. The
detailed correlation for these two loads is reasonable but far from perfect even on this normalized
basis. Edgewise moment correlation is significantly poorer than either the flatwise moment or the
control load correlation. These results, while not unexpected in light of the lack of a rigorous three
dimensional aerodynamic model in the analysis, do indicate the problem facing the designer as he tries to
evolve more advanced rotors. The value of systematic test data is clear.
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3.2.1.10 Symbols

chord
c pressure coefficient
£P flat plate area
M Mach number
r radial station
R blade radius
T r/R
v speed
) maximum level flight airspeed
H
o angle of attack
B8 angles of sideslip
°] blade pitch angle
Q rotor rotational speed
[ azimuth angle
M advance ratio
TABLE 1 HELICOPTER LOADS ANALYSES
COMPANY CCODE PROGRAM NAME
BELL HELICOPTER BHT Cc-81
TEXTRON, INC.
SIKORSKY AIRCRAFT, INC. SA Y200
UNITED AIRCRAFT UARL G400
RESEARCH LABORATORIES
WESTLAND HELICOPTER WHL RL50
LIMITED
KAMAN AIRCRAFT KaC 6F
CORPORATION
HUGHES HELICOPTERS, INC. HH DART,
CRFA-1
LOCKHEED AIRCRAFT LAC REXOR
CORPORATION
COSTRUZIONI AERONAUTICHE CAA GRDP8O,
AGUSTA STAHR
BOEING VERTOL COMPANY BV C-60
TABLE 2 ANALYSIS FUNCTIONAL CAPABILITY
FLIGHT CONDITIONS MODELED
FORWARD STEADY STATE TRANSIENT OQUTPUT
CODE ROTOR TYPES HOVER FLIGHT MANEUVERS MANEUVERS CAPABILITIES
BHT ARTICULATED, HINGELESS, YES YES TURNS, PULL-UPS, YES, ARBITRARY HUB/BLADE/ CONTROL
c-81 TEETERING PUSHOVERS CONTROL INPUTS SYSTEM LOADS, PERFORMANCE
sA ARTICULATED, HINGELESS, YES YES NO VERTICAL GUST BLADE LOADS, PERFORMANCE
Y200 TEETERING RESPONSE
UARL ARTICULATED, HINGELESS, YES YES NO No RUB/BLADE LOADS,
6400 TEETERING PERFORMANCE
WHL ARTICULATED, HINGELESS YES YES PITCH & ROLL NO HUB/BLADE/ CONTROL
RL50 RATE SYSTEM LOADS, PERFORMANCE
RAC ARTICULATED, HINGELESS YES YES YES TRANSIENT RESPONSE HUB/BLADE/ CONTROL
6F TO BLADE INITIAL SYSTEM LOADS, PERFORMANCE
CONDITIONS
HH ARBITRARY YES YES YES YES HUB/BLADE/ CONTROL
DART SYSTEM LOADS, PERFORMANCE
HR ARBITRARY YES YES YES No HUB/BLADE/ CONTROL
CRFA-1 SYSTEM LOADS, PERFORMANCE
LAC ARTICULATED, HINGELESS YES YES YES YES, ARBITRARY HUB/BLADE/ CONTROL
REXOR CONTROL INPUTS SYSTEM LOADS, PERFORMANCE
can ARBITRARY YES YES YES YES HUB/BLADE/ CONTROL
GRDPSO SYSTEM LOADS, PERFORMANCE
CAA ARTICULATED, HINGELESS YES YES YES NO HUB/BLADE/ CONTROL
STAHR SYSTEM LOADS, PERFORMANCE
BY ARTICULATED, HINGELESS YES YES YES NO HUB/BLADE/CONTROL
c-60 TEETERING SYSTEM LOADS, PERFORMANCE
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TABLE 3 ROTOR AERODYNAMIC REPRESENTATION
_DYNAMIC STALL
GENERAL ALRFOIL UNSTEADY AERO
CODE METHOD TABLES TIP LOSS INFLOW BLADE VORTEX BELOW STALL LIFT DRAG MOMENT | YAWED FLOW
BUT 2D STRIP | MAX OF 10 PORTION OF OUT- | INPUT TABLES OR EMPIRICAL CORR CARTA HARRIS  HARRIS CARTA | DRAG & Cp .
c-sl THLORY F( , M BOARD SEG Cp SET | MOD MOMENTUM TO LOCAL INDUCED REF (29) REF (30) REF (30) REF (29) REF (29)
TG ZERO REF (28) VELOCITY
sa 2D STRIP | NAX OF 1 EMPIRICAL UNIFORM OR NONE CARTA CARTA NO CARTA
Y200 THEORY F(X , M) CORRECTION FUNC OF SHAFT REF (29) REF (29) REF (29) | wone
ANGLE
CARL 2D STRIP MAX OF 1 EMPIRICAL 3 OPTIONS: UNIFORM, | COUPLED TO FREE NONE EMPIRICAL NO EMPIRICAL NONE
G400 THEORY F(=< , M) CORRECTION GLAUERT, INPUT WAKE ANALYSIS
HARMONICS
WHL 2D STRIP | MAX OF 1 ¢, SET TO VORTEX RING EMPIRICAL VORTEX INDICIAL BEDDOES BEDDOES  BEDDOES | MOD SWEEP
R150 THEORY F(x , M) 2ERO AT TIP MODEL OR GLAUERT CORE POSITIONED REF (31) REF (31) REF (31) REF (31) RULE
OPTION TO MODEL LOCAL
VORTEX EFFECTS
KAC 2D STRIP | Max oF 10 LIFT ON OUT- UNIFORM OR INCL IN INDUCED THEODORSEN NONE NOWNE NoveE | EMPIRICAL
6F THEORY F(x , M) BOARD SEG SET VARIABLE INPUT VELOCITY INPUT REF (32)
TO ZERO IN TABULAR FORM
BH 2D STRIP | MAX OF 2 INCLUDED IN AIR- | UNIFORM OR NONE THEODORSEN ERICSSON NONE  ERICSSON | Cp ..
DART 11 ORY F(x , M) FOLL TABLES PRESCRIBED STEADY REF {(32) & REDING & REDING REF (30)
AND OSCILLATORY REF (33) REF (33)
HH 2D STRIP MAX OF 3 INCLUDED IN NONUNIFORM - UNDER DEVELOPMENT THEODORSEN EMPIRICAL EMPIRICAL EMPIRICAL C1 A
CRFA-1 | THEORY F(< , M AIRFOLL TABLES CYLINDRICAL VORTEX REF (32) RET (30)
THEORY
LAC 2D STRIP | MAX OF 2 c, SET TO EMPIRICAL MOD OF NONE THEODORSEN TARZANIN TARZANIN  HARRIS | DRAG & Cp
REXOR THEORY F(x , M) zEro AT TIP CASTLE INFLOW MODEL REF (32) REF (34) RE¥ (34) REF (30) REF (30)
REF (35)
cAA 2D STRIP | YES OR USER | YES UNIFORM, GLAUERT, { NONE QUASI-STATIC COSTES ~ COSTES  BIELAWA | MODIFIED
GRDPBO THEORY INPUT EX~ MANGLER-SQUIRE OR OR BIELAWA REF (37) REF (37) REF (36) HORNER
PRESSIONS ARBITRARY DISTRI- REF (36) REF (38)
BUTION
CAA 2D STRIP ANALYTICAL NONE USER PRESCRIBED NONE QUAST~STATIC BIELAWA BIELAWA BIELAWA MODIFIED
STAHR THEORY EXPRESSIONS INPUT OR BIELAWA REF (36) REF (36) REF (36) | HORNER
FROM TEST REF (36) REF (38)
DATA
BV 2D STRIP MAX OF 5 YES LIFTING LINE EMPIRICAL VORTEX THEODORSEN TARZANIN TARZANIN HARRIS DRAG & Clmax
c-60 THEORY F(x , M VORTEX THEORY SEGMENTS AT TIP REF (32) REF (34) REF (34) REF (30) REF (30)
AND ROOT
TABLE 4 ROTOR STRUCTURAL DYNAMIC REPRESENTATION
NO. OF ELASTIC & MAX NO. OF COUPLING OF DEGREES OF FREEDOM
ELASTIC KINEMATIC INERTTAL GEOMETRIC EQUATIONS MODES OR MODES OR E B e
CODE ROTORS COUPLING PROPERTIES | PROPERTIES OF MOTION | FINITE ELEMENTS | FINITE ELEMENTS HUB SWASHPLATE PYLON
BHT H LAG DAMPER ARBITRARY ARBLTRARY MODAL 11 FULLY COUPLED FIXED COLLECTIVE MAXIMUM
c-81 S3 , PRECONE, | 20 SEG 20 SEG FLAP/LAG TORSION CYCLIC 10 MODES
PRELAG, PITCH
AXIS OFFSET
sa 1 LAG DAMPER, | ARBITRARY ARBITRARY MODAL 8 UNCOUPLED FLAP/ FIXED COLLECTIVE N/A
Y200 53 , PRECONE, 15 SEG 15 SEG LAG/ TORSION YCLIC
PRELAG
UARL 1 LAG DAMPER, | ARBITRARY ARBITRARY MODAL 10 UNCOUPLED FLAP/ 6 DOF COLLECTIVE N/A
G400 53, PRECONE, | 15 SEC 15 SEG LAG/TORSION CYCLIC
PRELAG
WHL 1 LAG DAMPER, ARBITRARY ARBITRARY MODAL 8 FULLY COUPLED FIXED COLLECTIVE FIXED
RL50 B3 o s 24 SEG 24 SEG FLAP/LAG TORSTON CYCLIC, HHC
TORQUE OFFSET
RAC 1 LAG DAMPER, | ARBITRARY ARBITRARY MODAL 7 FULLY COUPLED FIXED COLLECTIVE FIXED
6F FEATHERING, 30 SEG 30 SEG FLAP/LAG/TORSTON cycLIc
BENDING, SERVO FLAP
SERVO FLAP,
TWIST
HH 1 ARBITRARY ARBITRARY ARBITRARY FINITE 11 FULLY COUPLED 6 DOF COLLECTIVE 6 DOF
DART REDUNDANT ELEMENT FLAP/LAG TORSION cYCLIC
LOAD PATH
HH 1 ARBITRARY ARBITRARY ARBITRARY FINITE 50 FULLY COUPLED 6 DOF COLLECTIVE INCLUDED AS
CRFA-1 ELEMENT FLAP/LAG TORSION CYCLIC HUB IMPEDENCE
LAC 1 PRECONE, ARBLTRARY ARBITRARY MODAL 4 COUPLED FLAP/LAG 6 DOF COLLECTIVE FIXED
REXOR DROOP, SWEEP, 20 SEG EXCEPT CONST UNCOUPLED TORSION CYCLIC
PLTCH/LAG, CHORD
PITCH/FLAP
CAA LIMITED BY | ARBITRARY ARBITRARY ARBITRARY FINITE LIMITED BY ARBITRARY ARBITRARY ARBITRARY ARBITRARY
GRDP8O | CORE onLY ELEMENT CORE ONLY
caA 1 ANY COMB OF  |ARBITRARY ARBITRARY FINITE LIMITED BY ARBITRARY FIXED COLLECTIVE N/A
STAHR SINGLE DOF ELEMENT CORE ONLY cYCLIC
HINGES
BV 1 LAG DAMPER, | ARBITRARY ARBITRARY FINITE 25 COUPLED FLAP/ 6 DOF COLLECTIVE FIXED
C-60 & » SWEEP, ELEMENT TORSTON, UNCOUPLED cYcLic
DROOP, PRECONE EDGEWISE




TABLE 5 NUMERICS AND SOLUTION PROCEDURES

41

REVOLUTIONS OR
METHOD OF INTEGRATION CONVERGENCE INTEGRATION NUMBER OF ITERATIONS FOR
CODE SOLUTION METHOD CRITERIA STEP SIZE RADIAL POINTS CONVERGEXCE
BHT NUMERICAL 4 CYCLE RUNGE- NONE USER INPUT 20 N/A
c-81 INTEGRATION KUTTA FUNCTION OF
MAX MODAL FREQ
SA NUMERICAL MODIFIED BLADE ANGLE INPUT 15 Bl
Y200 INTEGRATION EULER CONVERGED TO
WITHIN .001
RADIAN
UARL NUMERICAL ADAMS DEFINED BY FLAP INPUT 15 IXPUT
G400 INTEGRATION & LAG MOTION
WITHIN INPUT
VALVES
WHL NUMERICAL Z TRANSFORM MODAL RESPONSE INPUT 13 6-9
RL50 INTEGRATION ZERO ORDER << 1% BETWEEN
HOLD REVOLUTTONS
Kac NUMERICAL INTEGRATING ROTOR BLADE 72 30 /A
6F INTEGRATION MATRIX OPERATOR PERIODICITY FOR
STEADY STATE
SOLUTION
HR NUMERICAL NEWMARK SUBHARMONIC INPUT 11 20
DART INTEGRATION RESPONSE <
1% OF LARGEST
HARMONIC
HH HARMONIC AIRLOAD DISTRIBUTION 50
CRFA-1 RESPONSE < 1% CHANGE
LAC NUMEKICAL ADAM>-BASHFORIH ACCELERATIUN INPUT 20 N/A
REXOR INTEGRATION (TIME) CORRECTION TERMS
TRAPOZODIA WITHIN TOLERANCE
CAA NUMERICAL NEWTON EUCLIDEAN NORM 24 10 X/A
STAHR INTEGRATION
BV HARMONIC NONE INPUT 20 10-20
Cc-60 RESPONSE
TABLE 6 TRIM PROCEDURE
CODE PROCEDURES CRITERIA
BHT Modified Newton-Raphson; 2 body attitudes, 4 rotor controls Within user input rigid body forces and moments and rotor flapping moments
C-81 and rotor long and lat flapping to satisfy requiremeats on for quasi-static. For time-variant assumed after a user input number of
X, Y, and Z force, L, M, N moments and rotor flapping equi- rotor revolutions.
librium for quasi-static.
SA Newton-Raphson iteration with rotor controls and rotor shaft Main rotor rigid body flapping approaching zero, Z and Y force and yawing
Y200 angle as independent variables. Order of trim is Z force moment to within user input values.
balance and rotor flapping equilibrium followed by yawing
moment and side force.
UARL Optional trim to either an input shaft angle or propulsive Rotor control angles iterated until input tolerances are met on pitching
G400 force. moment, rolling moment, lift force.
WHL Trim program, with simple rotor model, satisfies inplane Trim convergence to within user specified force and moment tolerances.
RL50 and vertical forces and pitch, roll, and yaw moments to
define main and tail rotor trim conditions. These con-
ditions are then input, for an isolated rotor, into the
Coupled Mode Rotor Performance and Load Prediction
Program (R150).
KAC Servoflap controls, fuselage, and horizontal tail Trim within user specified tolerances of forces and moments for aircraft
6F incidences, and tail rotor thrust to satisfy force and trim.
moment trim.
HH Rotor trim; specify flapping thrust and/or torque. Thrust Trim within user specified tolerances.
DART assumed perpendicular to tip path plane for trim.
HH Rotor only trim requiring first harmonic of thrust moment
CRFA-1 to go to zero.
LAC A set of up to 10 "controlling" and "controlled" variables The "controlling variable" changes are within user input “activity band.”
REXOR can be chosen, a one to one relationship is defined and
"controlling variables" are iterated on until convergence
is obtained.
CAA Quasi-static and time variant option.
GRDP8O
CAA Quasi-static only.
STAHR
BV External trim program. Trim conditions are then input Trim within user specified tolerances. Input hub forces matched and control
C-60 for an isolated rotor into €-60,

positions change less than 0.1 degree between {terations.
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A NQR+V
QR-V A

FIG. 321-1

MAIN ROTOR
AERODYNAMIC ENVIRONMENT

TABLE 7 ATRFRAME AERODYNAMIC AND DYNAMIC REPRESENTATION
AERODYNAMIC INTERACTIONS
LIFTING
FUSELAGE SURFACE ROTOR/
CODE AERODYNAMICS AERODYNAMI CS ROTOR/FUSELAGE ROTOR/SURFACES ROTOR FUSELAGE/SURFACES AIRFRAME DYNAMICS
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Transmission system

The rotor is a receiver for :

® torque
® data (collective pitch and cyclic pitch).

The transmission system is thus to be broken down into :

® the torsion system which transmits the engine torque to the main and tail rotors
® the control system which transmits the pilot’s orders to the rotor.

Torsion system

The load to take into account is torque essentially (the shaft bending moment is also to be considered in the particular case
of the MGB housing and the shaft itself).

The dimensioning of the torsion system, as well as of all transmission components, must be determined from :

— static strength,
— low cycle fatigue,
— vibration endurance fatigue.

As regards static strength, the point is to substantiate the resistance to limit loads (as well as to ultimate loads equal to
limit loads x 1.5) which are the maximum possible accidental loads.

With one engine operating, the limit torque is estimated to 1.25 times the maximum contingency torque (which covers
possible transients).

With two engines operating, the limit torque is either 1.25 times the maximum continuous torque or equal to the maximum
take-off torque.

The shaft maximum bending moment will be associated with the spectrum maximum load factor.

As regards low cycle fatigue (number of cycles lower than 100 000 : starting/shutdown cycles for instance) only the
maximum flight torque is taken into account.

As regards vibration endurance fatigue, it is necessary to know the full spectrum of torque values used during the flight, that
is to associate the time percentagesdefined in paragraph 3.1. with the corresponding torque value.

This will be determined from the power outputs and rotor speeds. The following flight phases can be distinguished :

— Stabilized flight phases :
Hovering, sidewards flight, level flight with and without side-slip, stabilized turns, climb, descent . ...

— Transient flight phases :

Accelerated transition to forward flight, sidewards flight with gust, stopped turns . . .
Power prediction is conducted differently according to whether a stabilized or a transient flight phase is considered :
— Stabilized flight phases :

The performance computation programmes taking into account the different characteristics of the aircraft used for
these flight phases :

® main rotor : diameter, chord, aerodynamic profile, blade twist, speed
® fuselage : characterized by its C, S which can be measured through wind tunnel testing.

It is thus possible to plot polar curves giving the required power for the flight case considered (hovering, level flight,
climb, descent . . .) according to weight, speed and flight conditions (altitude, temperature).

These polar curves are usually calculated from known polars of existing aircraft, all differences between the two aircraft
being carefully taken into consideration (differences as to rotor characteristics, Cx S, etc ...).

These polars are then refined as flight tests proceed.

The power taken by the tail rotor is generally obtained from its « Thrust-Powery polar curve.

In hovering the thrust is calculated as being the tail rotor thrust. In forward flight, the fin must be taken into account
(especially for aircraft provided with a fenestron since at a certain speed the fin provides almost all counter torque ;
the power taken by the fenestron is then very low, less than 2 % of the total power.

The power lost in the control linkage equals a certain percentage of the total power. The power required to drive a

certain number of ancillaries must be added to this percentage. To take an example, on a 2-ton aircraft 20 kW are
necessary to drive the ancillary equipment wilst 3 % of the total power is lost through friction.
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The power supplied to the main rotor can be deduced from these data.

Transient flight phases

The theoretical approach to these phases is particularly difficult. For this reason, the results of measurements taken in
flight on existing helicopters are used (mainly stress assessment flights where all these transients phases are carried
out).

Since maximum torque is not taken during the whole duration of a transient phase, these phases can be broken down in
a finer way. This is the case for flight phases such as the sidewards flight or stopped tum.

For instance, as regards the stopped turn, it is assumed that to stop the ship sudden actions on the rudder pedals,
sometimes pedal fully down depending on flight conditions, are necessary. The torque taken by the tail rotor is then
maximum and could reach 30 % of the main rotor power.

For other phases such as the take-off phase the procedure recommended in the flight manuals is adopted.

Finally, since the spectrum is calculated for different weights or altitudes, the limitations imposed on the aircraft must
be taken into account :

— torque mechanical limitation
— thermal power limitation of engine(s)
— pitch limitation (main rotor or tail rotor).

Input power prediction concerns three levels :
— main gearbox input

— main rotor shaft : with a power level less than that at the MGB input because of power losses in the transmission
components and various power take-offs (ancillary systems and possibly tail rotor power)

— tail rotor drive.

Example of power spectrum

EXAMPLE 1 MAIN GEARBOX POWER SPECTRUM

Configuration % Logtin W
MGB input Main rotor Tail rotor
Hovering IGE 7 654 524 111
Hovering OGE 3 731 581 129
Backward flight at max. permissible speed 4 530 425 88
gjrgahntsition from backward flight to forward 1 700 557 123
RH sidewards flight at maximum speed 1 487 425 45
LH sidewards flight at maximum speed 9 562 425 120
LH sidewards flight with gust .1 662 425 220
etc...

Concurrently with the strength analysis, a study of the system dynamic response to torsional loads is necessary in
order to ensure that the natural torsional frequencies are correctly situated. This being done, the torque dynamic
value is chosen ; from experience, this value is equal to * 8 % modulation of the static value ; this value can be
corrected once the first actual values are recorded.

Taking into account the very high operating frequencies of the reduction gears, dimensioning is generally not intended
for a limited service life but rather for unlimited service life, the maximum flight load being covered.

We shall see hereunder that the dimensioning principle is different for the control system or rotor shaft components.
As far as the rotor shaft is concerned, it is the bending moment that constitutes the essential load. The moments at the
rotor head as well as the blade control loads are covered in paragraph 3.2.1.

The same principle applies to the gear boxes casings submitted to the rotor loads and the reactions at the attachment
points to the airframe.

From looking at the example of spectrum given below it is clear that the use of the max. flight load would entail
component oversizing.



EXAMPLE 2 SPECTRUM OF MAIN ROTOR SHAFT BENDING MOMENTS

Configuration Time % ‘ Moment mN
Hovering IGE 3.5 fwd C.G. position 3300
1.75 neutral position 2300
1.75 aft position 3200
Hovering OGE 2.75 2700
1.375 2100
1.375 6500
Backward flight 2 7750
. 5300
B 4000
Etc...

An estimated service life is calculated taking into account the flight spectrum on the one hand and the fatigue curve

of material used on the other hand. This exercise makes it possible to plot the service life evolution as a function of the
fatigue limit expressed in bending moment. This approach permits the dimensioning load corresponding to the chosen
target service life to be considered.
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3.2.22 Control system

This control system consists of :

— amobile system (pitch horn, pitch change link, rotating swashplate),
— stationary system (non-rotating star,, servo-unit, servo-unit attachment to structure).

The stresses introduced in the stationary and rotating rods are due to the torsion loads exerted around the blade pitch axis.
These stresses are defined in paragraph 3.2.1.

These torsion loads can be generated from :

— loads introduced due to C.G. offsets in blade crosssections,
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— aerodynamic moments induced by Cz and Cm__ at blade aerodynamic centre. Prediction of these loads is certainly not

accurate because of the complexity of the bla(?e airfoil aerodynamic environment,

— bending couplings (flapping and drag),

— torsion (it is most important to know the blade bending moments and its static deflection).

As concerns the stationary control system, a harmonic analysis : F» Fy + Fy

cos (§2t + ) shows that the static loads

in the servo-units vary as static loads (FO) and dynamic loads in 1 (Fl) in the rotating rods.

On the other hand, dynamic loads are assessed through comparison with aircraft of same weight, or different weight using

formulae taking into account the scale factor.

EXAMPLE 3 SPECTRUM OF DYNAMIC LOADS ON A PITCH LINK

Configuration Time % Calculaléed load
Min. hourly consumption speed 8 1650
Best range cruising speed 25 3450
0.7 max. cruise 9 2230
Max. cruising speed 19 4030
VNE .8 4720
Turns at :
Minimum consumption speed n =2 .0135 9110
Minimum consumption speed n= 1.8 .092 6445
0.7 maximum speed n=1.6 112 5230
0.7 maximum speed n=1.4 1.287 4425
Best range cruising speed n=1.15 4404 3790
Load factor
Max. cruising speed n=1.8 004 9110
Max. cruising speed n=1.6 .061 6450
Max. cruising speed n=14 .585 5300
Max. cruising speed n=1.15 2 4430
VNE at n=14 .015 9110
VNE at n=1.15 .085 5410
Other configurations 29.5415 <1650




3.2.3.1

321352

3.2.3 AIRFRAMES

by
Ph. PETARD

Société Nationale Industrielle Aérospatiale
B.P.1 — 13725 MARIGNANE CEDEX
FRANCE

CONTENTS

DYNAMIC FATIGUE LOADS

LOW CYCLES FATIGUE LOADS

55



323

3.2.3.1

3232

57

Structures

Structural fatigue develops as the result of the isolated or simultaneous effect of dynamic loads and of variations to the
equilibrium of forces which are necessary for the manoeuvering and stability of helicopters.

Dynamic fatigue and low cycles fatigue, lead to different approaches for predicting loads.

Dynamic fatigue loads

They are primarily due to the action of the main and of the auxiliary rotors. Their frequencies are linked to the rotor and
transmission r.p.m. and also to the number of blades ; they are consequently known.

On the other hand, the prediction of dynamic loads on a structure remains uncertain and even impossible. This is all the more
disturbing as dynamic damage appears from a relatively low stress level.

The main reasons for these difficulties are, on the one hand, the lack of precision concerning knowledge of rotor loading
and, on the other hand, ignorance of the response of structures to dynamic loads due to poor knowledge of damping
effects.

Some practical or empirical methods enable correct selection of dimensions.

a) Design programs by finite elements in the dynamic range provide the natural modes and natural frequencies associated
with a whole structure or with structural components.

It is therefore advisable to dimension the structure or the structural component so as to move the natural frequency away
from the excitation frequencies obtained by analysis.

b) Statistical analysis of measurements taken on known aircraft of the same type as the aircraft under investigation together
with sensible extrapolation supplies an order of magnitude for the dynamic loads induced by the rotors or by the
stabilizers.

Comparison of rotor or transmission loads deduced from testing with calculated loads (cf. paragraph 3.2.1. and 3.2.2.).
eliminates any risk of significant errors.

From this, it is possible to determine the dynamic loads concentrated in the components linking these assemblies to the
structure. At this stage, it is still possible to neglect damping while it rapidly becomes very important when moving
away from the point of application of loads and damping also affects the order of magnitude of the transmitted loads.

c) Assoon as the first prototype is complete, it becomes immediately indispensable to check by laboratory measurements
and flight testing accuracy of the loads predicted by the above procedures.

On the ground, dynamic loads resulting from taxying can only be evaluated by measurement on the aircraft. These loads

are in fact dependant on the combined effect of the nature of the ground and the response of the landing gear and they
are virtually unpredictable.

Lowcycles fatigue loads

It is possible to forecast these loads. In fact, they are the result of flight manoeuvres of the aircraft about its three axis and
originate at the rotors and stabilizers. On the ground, they are due to the wheel loads during landing.

In both cases and according to the type of aircraft (heavy, medium, light, military or civil) and to the type of mission
(liaison, search, sling operation, off shore work, ASW, ground attack, etc ..) the utilization spectrum can be perfectly
determined.

In figures 3.2.3 - 1 and - 2 an example is given of the landing spectrum defined by standard MIL-A-8866 B and a deck
landing spectrum used for ship-borne aircraft.
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a)

Cumulative Occurences of Sinking Speed / 1000 Landings

Sinking All

Speed Trainer Other
FPS Classes
0.5 1000 1000
1.5 870 820
2.5 680 530
3.5 460 270
45 270 115
5.5 145 37
6.5 68 11
7.5 31 3.0
8.5 14 1.5
9.5 6.0 0.5

10.5 3.0 0

11.5 1:5

12.5 0.5

13.5 0

Fig.3.2.3-1 LANDING SPECTRUM FROM MIL-A-8866 B

Fatigue loading spectrum
Sink speed Pitch Roll angle Landings
FPS degrees 100 flight hours
6 Three point 5 38
6 Max. tail down 5 38
8 Three point 4 30
8 Max. tail down 4 30
10 Three point 1 7
10 Max. tail down 1 7

Fig.3.2.3-2 EXAMPLE OF DECK LANDING SPECTRUM

Determination of flight loads

Once the general characteristics of an aircraft have been defined (weights, inertiae, C.G. locations, rotor characteristics),
the prediction of flight loads on the structure may be obtained using a computer simulation programme :

— in straight and level flight, the programme computes the equilibrium of the aircraft for any desired configuration

— during flight manoeuvres, the same programme details the behaviour of the aircraft at any instant of the manoeuvre.
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.Straight and level flight

The equilibrium is computed about the centre of gravity under the action of loads originating from the main and tail
rotors, the horizontal stabilizer and the fin.

The solution of the 6 force and moment equations and of both flapping equations of the main rotor permits to
determine the 8 parameters of equilibrium :

ie. the collective pitch, both cyclic pitches, the tail rotor pitch, both attitudes of the aircraft and both flappings.

These 8 parameters enable the computation of the loads on each component. This is an iterative procedure.

Flight manoeuvres

The flight manoeuvres are obtained by starting with an equilibrium condition, then varying one or several of the 4 pitch
controls in accordance with time related functions, and by varying the loads on various parts of the structure and on
the rotors until the wanted criteria such as the desired load factor are obtained.

The results obtained are correct in stabilized flight and in gentle flight manoeuvres. In the case of extreme flight
manoeuvres, cross checks with experimental results are useful : cf. figure 3.2.3 -3 : comparison between the
computed flight envelope and the values measured during manoeuvres producing load factors.

Load factor
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Fig.3.2.3-3  EXAMPLE OF FLIGHT ENVELOPE

Determination of loads on the ground

Sinking speeds, low weights, the stiffness and the damping characteristics are basic data for computation of loads.
However, it is necessary to differentiate between conventional wheel undercarriage fitted with dampers and skid type
undercarriage.

In the first case, the landing gear manufacturers are able to determine accurately the loads involved at various sinking
speeds.

For skid type undercarriage, the extension of stress analysis by finite elements for large displacements strains and
beyond the elastic limit enables landing loads into the plastic range of the material with reasonable accuracy.
E.g. figure 3.2.3 - 4.



Skid type landing gear  Aircraft weight 1900 kg
Comparison of load factors

Computation Tests
Landing -
Limit value a
Fwd. C.G. location n, = 2.81 2.98 +6 %
Rwd. C.G. location n, = 291 3.04 +4 %
Landing reserve
factor a
Fwd. C.G. location n, = 2.87 3.03 +5 %
Rwd. C.G. location n, = 2.98 3.03 +2 %

Fig.3.2.3-4 EXAMPLE OF GROUND LOAD FACTORS

In both cases, the drop tests required by regulations verify the data obtained by calculation and current experience
shows a good correlation between computed data and test results.
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& o SIGEE MEASUREMENT TECHNIQUES

To define flight loads existing on the helicopter it is necessary to provide measu-
rement of the appropriate physical quantities to obtain information in numerical form
capable of describing the situation of the system on test.

This target can be achieved by means of data acquisition systems that can be summarized

on fig. 331.1.

Following this process the physical parameters are transferred in a discrete form and

organized in a "data base" which is available for any type of computation necessary to

produce synthetic information and fatigue life evaluation.

This process realises the following function:

— TRANSDUCER: transfer information from the system on test to the measurement system.

- SIGNAL CONDITIONING AND ENCODING: makes the transducer's signal compatible with the

acquisition system.

— DATA COLLECTION: allows storage of information in the format amplitude vs. time.

- DATA HANDLING : transforms the information in a usable form, generally converting raw
data into engineering units. So the acquired values are organized on
a data base allowing easy access to the users for specific computatiams.

While the choice of the transducers is generally driven by optimization criteria of its

characteristics related to the quantity to be measured, other phases are subject to per-

sonalization that, using well known techniques, can configure the system at various com-

plex levels; the signal conditioning can be based on analog or digital multiplexing

techniques, the recording can take place on board, on the ground or directly into the

computer, the data base organization and the data handling are generally influenced by

the methods and facilities available.

3r 3E .10 TRANSDUCERS

The transducer is the first element of the measurement system that transforms the
physical entity (acceleration, load, etc.) into a form suitable for recording.
Typical energy forms measured by means of transducers are:

- LOADS

— DISPLACEMENTS OR VELOCITY OF DISPLACEMENT
- ACCELERATIONS

- PRESSURES

- TEMPERATURES

etc.
Those parameters are of course useful for defining the whole helicopter's system.
Therefore, in this chapter we will consider only those that are strictly related to the
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fatigue 1life of the components such as stress and vibration. The engineer will be able
to select the most useful transducer for the specific application from among those avai-
lable. This selection should include weight, dimension, electrical

characteristics, environmental conditions and constraints that could arise
from the expected measurement system. The characteristics of the component to be exami-
ned and the estimated loads envelope are fundamental to decide what kind of transducer
(displacement, acceleration, velocity, strain gages) should be used.

In general terms we can assume that:

- Measurement of displacement is applicable in the low frequency vibration analysis
where velocity and acceleration do not produce sufficient output level.

- Measurement of velocity is preferred at medium frequency where the displacement is
too small for a correct evaluation.

- Measurement of acceleration is generally applied at high frequencies because high
output can be produced on those bands.

- Use of strain gages is applicable in all cases in which the component has sufficient
strain generated by the stress.

Taking the above into consideration, it can be noticed that, where applicable, use of the
strain gages is generally preferred to the measurements related to the load survey for
the following reasons:

- The signal obtained is proportional to the strain and so the ratio electrical signal
vs load is directly achieved without complex changes involving mass, stiffness etc.

- Dimensions and weight are so small that they can be used without relevant modification
to the mass and eventually the aerodynamics of the component on test.

- Mounting (bonding) does not require special supports or holes that are not practical
on critical components.

3.3.1.1.1 TRANSDUCER CHARACTERISTICS

Transducer characteristics can be divided as input, transfer and output.

- Input characteristics are the measuring range, the sensitivity and the transverse sen-
sitivity. As in the major part of the transducers the error is proportional to the
full scale, better precision can be achieved by measuring entities at not quite full
scale and by minimizing the induced effects. When strain gages are used, great care
must be taken in defining correct installation in aligning the sensible axis with the
direction of strain.

_ Transfer characteristics define the relationship between input and output quantities.
They are defined by the static level and by the dynamic response in amplitude and
phase. A correct choice of the sensor when accelerometers are used, and the suppres-
sion of mount induced effects are necessary to eliminate from the measurement all the
spurious effects that can alter or complicate measurement interpretation.

- Although output characteristics are less important having the capability of being
adapted by means of the signal conditioning, they are fundamental in defining the con-
nections with the measurement system, in designing correct conditioning and in mini-
mizing electrical noise and interference. Parts of this family are the band width,
output level and power, output impedance and ground connections.

3.3.1.1.2. TRANSDUCER TYPES

The most commonly used transducers for sensing vibrations and stresses are summa-
rized in table 331.2 which should give an idea of their characteristics and their appli-
cability for different needs. However the following descriptions will cover only the
aspects of strain gages and piezoelectric accelerometers which are mainly adaptable for
performing measurements related to load survey.

— STRAIN GACES (see fig. 331.3) are based on the principle that a resistance changes in
a constant mode if it is varied within the elastic limit. The relation-
ship between the resistance and the strain can be expressed as:

AL 1 AR
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where : L = original length of wire or foil
AL = lenght change
R = original resistance value
AR = resistance value change
K = gage factor

Considering that the sensitive element (wire or film) is very delicate to handle it is
used in conjunction with a support usually made of epoxy or phenolic material. Strain
gages are applied to the component by means of cement with high mechanic characteristics.
The composition of strain gages following the Wheatstone bridge principle can produce a
"sensor'" sensible to the different type of stresses (see fig. 331.4).

When strain gages are installed and used for measurement purposes each resistance change

is detected as a stress. Therefore the variation caused by the temperature appears as "ap-
parent stress". These values, if negligible for dynamic loads, are a big source of er-
ror on the static values. Temperature compensation can easily be obtained with the

wheatstone bridge in its simplest form or with the application of further passive com-
ponents on the bridge arms.

- PIEZELECTRIC ACCELEROMETERS operate on the principle that an electric charge is gene-
rated in some crystals when they are submitted to a mechanical force in
a specific direction.

Fig. 331.5 shows a transducer section where the acceleration produces shear or compres-
sion forces. Piezoelectric transducers generate an electric charge with output impedance
of several hundreds of Mohm. They must be connected with short cables and high impedance
amplifiers to obtain voltage outputs.

Piezoelectric accelerometers must satisfy the following criteria:

1. Operate on a wide dynamic range from 2 Hz (long duration vibration) to
10,000 Hz (short duration shocks).

2o Be insensitive to non-vibration environment such as temperature.
3. Be insensitive to unwanted vibration signals such as cross-axis vibrations.
4. Reproduce the desired information without distortion due to damping,

filtering or internal resonance.

5. Produce a minimal change in the natural vibration of the object being
measured.

SEISE. FIROR SIGNAL CONDITIONS

The signal generated from a transducer is usually modified several times before
assuming its final form that will be subject to computation. Typical examples of these
modifications are amplification, filtering, sampling, digitalization, "data compression",
modulation etc.

Basically these functions do not modify the information contained in the signal but
match the input requirements of the following unit of the measurement system.

In a general form all the operations that occur between the transducer and the computer
used for final computation can be assumed as "conditioning"; however it seems to be sim-
pler to divide those activities in linear operation and signal conversion.

Linear operations can be considered as all those functions of amplification, filtering,
zero shift and compensation that are needed to adapt the signal to the measurement
system.

Main reasons for performing such operations are:

a) The transducer is defined considering its availability even if the out-
put characteristics are not ideal.

b) The frequency range of the transducer is too wide to be correctly utili-
zed by the recording or telemetry system; therefore the conditioning
will reduce the signal band width by eliminating the unwanted frequencies.

Signal conversion operations are those functions which imply modulation, A/D conversion
and multiplexing; they are necessary to record or transmit a wide number of parameters
as generally required during flight testing.

3.3.1.2.1. AMPLIFICATION

The aim of this operation is to make the output level of the transducer compatible
with the measurement system. Since the transducers based on the piezoelectric principle
are self-generating devices, we cannot get more energy out than we put in.
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For this reason a very low electrical energy will be presented to the conditioner and
will be essentially purely capacitive.
Today there are two basic techniques employed to condition piezoelectric transducers:

1. High impedance voltage amplifier.
2. Charge amplifier.

In utilizing voltage amplifier we attempt to keep the amplifier input impedance very
high compared with the source impedance.

Fig. 331.6 shows the equivalent circuit where the cable has been represented by CC to
underline that a significant portion of the load is through the interconnecting cable.
In order to avoid the cable capacitance effects '"charge amplifiers" are used. They are
essentially operational amplifiers with integrating feedback.

A representation is shown in fig. 331.7. With operational type feedback, the amplifier
input is maintained at essentially O volt; the amplifier output is then a function of
input current. With the integrating operational feedback the output is the integral of
output current, hence the name '"charge amplifier".

For the strain gages the amplification is made by means of operational amplifiers or
preferably instrumentation amplifiers. Their use must however be consistent with the
isolation level required within the transducer and the subsequent input.

In fact, the use of the amplifiers can create problems in the measurement system in the
form of common mode or capacitive noise.

Fig. 331.8 shows two applications using differential or single ended amplifiers.

3.3.1.2.2. FILTERING

Filtering is performed when the signal contains components that do not relate to
the measurement. There are three main reasons for use of filters:

ik o To attenuate the amplitude of those signal components that are not relevant
and that could saturate some parts of the measurement system.

2. To filter the output noise and the high frequency components so that the "alia-
sing" error can be reducedwhen sampling is expected.

3. To present and easily understand signal.

Active and passive filters can be used, higher performances and better impedance matching
can be obtained however with universal active filters. These modular units can be con-
figured on type hi/band/low pass and cut-off frequencies can be selected by external
resistors change.

An example of a universal active filter is shown in fig. 331.9.

3.3.1.2.3. ZERO SHIFT AND COMPENSATION

In the same measurement the dynamic range required is only obtained by a portion
of a true full scale of the transducer. Moreover, when strain gages are used it is
possible to have an initial offset caused by bonding which could be recovered.
The Wheatstone bridge used in strain gages application is still a good example of com-
pensation: both active and passive arms, if subject to the same environmental conditions,
will compensate possible temperature drift or, when this condition is not achieved, it
is possible to make eight-component bridges in which the compensation function is com-
mitted to the passive strain gages.
Figure 331.10 shows a scheme where balancing and compensation are applied.

SELESEHNIST SIGNAL CONVERSION

When the homogeneity of the signals is obtained or at least when a useful form is
acquired, it is necessary to provide data collection on some physical support which
should be able to retain them until required. If we thing of rejecting any considera-
tion of graphic recording that implies heavy manual handling, there are two available
alternatives: in-flight recording or data transmission to the ground (telemetry). In
both cases, it appears obvious, especially in helicopter tests dedicated to load survey,
that the quantity of information to be surveyed is not consistentwith the number of
channels available on a magnetic recorder or with the number of radio frequencies that
can be allocated; moreover increasing the number of magnetic recorders or transmitters
is not acceptable in terms of weight, cost, synchronization and for management aspects.
For this reason multiplexing techniques are used; they make it possible to build up a
single complex signal in which information of several sensors are contained.

The method used is based on the Frequency Division Multiplexing Technique (FDM) or Time
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Division Multiplexing Techniques (TDM).

3.3.1.3.1. FREQUENCY DIVISION MULTIPLEXING

The Frequency Division Multiplexing Technique, also known as FM/FM (Frequency Mul-
tiplexing/Frequency Modulate) consists of frequency sharing of one R.F. carrier dividing
the available bandwidth into up to 25 channels, the center frequency of which ranges
from 400 Hz to 560 Hz. Each center freguency is modulated (FM) by the input signal so
that a complex carrier can be obtained.

Essentially, in frequency modulation, the amplitude of the modulation carrier is held
constant, while the instantaneuos frequency of the carrier is varied in accordance with
the modulating signal.

The variation of the instantaneous frequency with respect to the center frequency is
called frequency deviation and is proportional to the input signal.

In the general form the FM wave may be expressed by the following equation:

V = A sin (3t + m sinfit)
where:
V = amplitude
A = peak amplitude of the wave
W = angular velocity of the carrier
Ll = 2 times the modulating frequency
m = modulation index or frequency deviation/modulating frequency

The frequency domain presentation of the FM/FM carrier, without modulation, will assume
the general form of figure 331.11, where f1 to fg are the center frequencies of the
subcarrier

As mentioned above, this technique allows up to 25 signals to mix in a complex wave that
can be easily recorded on a magnetic tape channel or transmitted via data link. Should
a l4-track magnetic recorder be adopted, up to 350 parameters can be stored. This number
is purely theoretical and does not consider the needs for control signals such as time
or voice, but it givesa figure on the total quantity of information that could be stored
also taking in consideration today's availability of 28-track recorders on 1 Inch tapes.
Consideration can also be taken on transducers' signal bandwidth that normally drives a
selection of a number and type of subcarriers.

To comply with the signals bandwidth requirement, different center frequency deviations
can be chosen consistently with IRIG standards.

The two basic families are the Proportioanl Bandwidth modulation (PBW) and the Constant
Bandwidth modulation (CBW).

The PROPORTIONAL BANDWIDTH modulation technique, following the general principle of FDM,
implies the use of a frequency deviation proportional to the center frequency of the
carrier.

The applied standard deviation are + 7,5%, + 15% and + 30%. The PBW, with the minimum
channel deviation (+ 7,5%) allows the greatest signal mixing (25 parameters) but in this
case the nominal frequency response of each signal is very different and varies from

the 6 Hz of channel 1 (Cf= 400 Hz, deviation = 7,5%) to the 33.6 Hz of the channel LL
(Cg= 560 KHz, deviation = 30%).

This spread type of bandwidths could represent an advantage allowing signal-to-channel
optimization and therefore a reduction in "anti-aliasing" filtering needs. However, if
the load survey application is considered, it may generate the following difficulties:

1. Typical helicopter loads include harmonic frequencies up to 200 Hz for the greater
part of the parameters. This makes the channels up to 10 typically not useful, and
consequently it implies a limitation on the total availability of channels.

2 Due to the different frequency response each channel has different output filters
that cause different time delays. That can represent a great disadvantage when time
synchronization between parameters is required.

The CONSTANT BANDWIDTH modulation, in opposition to the PBW technique, uses a constant
frequency deviation for each channel, independent from the center frequency value. The
standard deviations applied are + 2 KHz, + 4 KHz and + 8 KHz.

With the minimal channel deviation (+ 2 XHz) the CBW allows the mixing of 21 parameters
with a nominal frequency response of 400 Hz; this is normally sufficient for the stress
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analysis in the dynamic components of the helicopter.

Moreover, due to the equal frequency content of each channel, equal output filters can

be applied with the possibility of good synchronization between channels. However the

main disadvantage of this method is that at the higher center frequencies the nominal

deviation is not more than 1% and especially considering the noise induced by recorder

flutter, an unacceptable S/N ratio can be present.

This limitation can be overcome by the use of "frequency group translation" techniques.
The frequency translation implies the use of the lower channels with higher percentual

deviation (typical up to channel 6A). The upper channels are obtained by addition of a

reference frequency (i.e. 120 KHz, 240 KHz). As an example channel 12A (104 KHz) can be
obtained using channel 1A (16 KHz) in the following mode:

120 KHz (ref.) - 16 KHz (1A) = 104 KHz (12A)

HYBRID CONFIGURATIONS can also be made. The use of CBW and PBW channels in the same
carriers can increase the total number of channels available and optimise the configu-
ration, sharing the advantages typical of each method.

When this solution is expected, great care should be applied in definition of the confi-
guration in order to avoid frequency overlay in adjacent channels when not properly spa-
ced.

Some consideration must be taken on practical aspects of the FDM method. Both CBW and
PBW are realized by means of subcarrier oscillators. Wide choice of components is avai-
lable today including discrete technology components of dual-in-line chips developed

for space application.

The general configuration of a subcarriers "block" includes VCOs, a Mixer Amplifier and
a Reference 0Oscillator that is normally used for "flutter compensation" when the carrier
is recorded on magnetic tapes. This fixed frequency is detected during the playback
and can compensate both static and dynamic errors arising from speed variation of the
tape transport. The above mentioned modules are normally installed on special mounts
that allow ease of channels configuration plus pre-emphasis resistors installation to
avoid amplitude losses caused by non-linearity in the recorder or transmitter bandwidth.
Dynamic range of the input signals must be carefully analysed to avoid overmodulation

in the VCOs, applying the appropriate premodulation filtering if convenient. The block
diagram of a typical FDM system is shown in fig. 331.12.

3.3.1.3.2. TIME DIVISION MULTIPLEXING

In the time division multiplexing technique the encoding is obtained with periodic
interval sampling; it allows the mixing in a single channel of several inputs by means
of a mechanical or electronic commutation. The simplest form is represented by a rota-
ting switch, running at constant speed, that can select each channel during predefined
time intervals.

This principle is shown in fig. 331.13. The signal presented as multiplexing output
will assume the format of an amplitude modulated signal that is commonly defined as PAM
(Pulse Amplitude Modulation) and is shown in fig. 331.14.

Referring to the previous chapter it appears that, while the FDM technique has a limited
channel capability, the TDM method can handle a greater number of parameters, only limi-
ted by the frequency contents of each channel and by the maximum sampling rate available
in the scanner.

Different sampling rates for different channels can be achieved by means of surcommuta-
tion or subcommutation , by which the frequency contents achievable for each parameter
can be reduced or increased (in power of 2). Surcommutation and subcommutation's
examples are shown in fig. 331.15.

In past years the PAM was used to handle large quantities of low frequency signals using
electromechanical commutators.

Nowadays, the availablity of high-speed electronic switchin has widely increased the
system overall capability allowing the handling of signals with greater contents.

The intrinsic limitation of the PAM system is that the information content is strictly
related to the amplitude so that it is easily affected by noise and static level changes
caused by shielding or grounding problems.

To overcome this problem noise reducing techniques were realized as PDM (Pulse Duration
Modulation) or PPM (Pulse Position Modulation) in which the information is related to
the time domain instead of the amplitude. Real improvement in the TDM was therefore
obtained by the introduction of digital electronics which generated PCM (Pulse Coding
Modulation).

PULSE CODE MODULATION is in practical terms a subset of PAM in which the sampled signal
is transformed into digital words, in serial format. The relationship between the two
methods is shown in fig. 331.16. The digital format of the message makes the PCM re-
latively free from noise and perturbations that generally occur during transmission or
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recording and it allows the great resolution typical of the binary words.

A modern PCM encoder can handle up to 100 K samples per second (1.2 M bits) which in
theoretical terms means 100 parameters sampled at 1 KHz rate. This figure does not
reach the information density available in a 28-track - 2l-channel CBW configuration of

a FDM system but, for a medium size load survey, it has the advantage of the availability
of all this information in one channel, then the capability to transfer this information
to the ground via data link.

The signal availability on the ground will permit a check by means of real time visua-
lization system. This capability to transmit large amount of data directly to the ground
can be considered the major advantage of the PCM in the load survey application consi-
dering that the improved accuracy intrinsic in digital encoding (8, 10 or 12 bits) is

not generally required for such purpose. Therefore it is also necessary to underline
that the real time capability is normally used both to verify the quality of data during
the flight and for safety reasons. The calculations required to perform load spectra

analysis are normally performed off-line on mainframe computers; the advantages of
this method are obviously less compared ot the FDM, which is generally more flexible and
less expensive.

Today's PCM encoders can practically be considered one-box systems in which several

functions are performed. The basic scheme, shown in fig. 331.17 realizes the function
of:

a) Multiplexing: a PAM signal is generated from analog signals.

b) Encoding: a serial digital message is generated by means to A/D-parallel-to-serial

conversions,

c) Programming: switching gates are activated to define the sampling sequencies using
a predefined programme stored on PROM or hardwired.

a) Synchronization: synch words are generated to identify frames, subframes and sequen
ces in the PCM message to allow a correct decommmutation on the ground.

e) Signal mixing: encoded signals, time words, synch words and external digital words
are mixed to make up the final message.

The information contained in the output message, as implicit in the TDM +technique, is
not related to the same instant for each basic cycle, but is delayed at constant time
intervals. When necessary, this aspect can be overcome by means of computer correction
performed during data reduction or by using hardware devices that allow instantaneous
sampling, storage in buffer memories and the subsequent transfer on the PCM message at
the appropriate time.

The serial binary output generated by the PCM is not necessarly in the form:

binary 0 = logic level 0, binary 1 = logic level 1.

This type of code is designated NRZ - L (non return to zero level) and other sort of
codes are expected by the standard; they imply representation of 1 and 0 using change/no
change of level, midbit level changes etc.

These different code waveforms can be selected to optimize the spectral density of the
message in order to satisfy the requirements of the recording or transmission media.

An example of spectral densities for different codes is shown in fig. 331.18.

When required to transmit the message via a PM emitter that does not accept frequencies
below AOO'Hz, a BI¢ code could be chosenbecause it has no significant spectrum contents
in the low frequency band.

In & solution using FM emitters, NRZ codes can be easily adopted, reducing the required
bandwidth to equal density of information.

3.3.1.8.3 PCM AND FDM MIXING

Both PCM and FDM could each have in optimum performances for different parameters to be
transmitted or recorded together.

In this situation composite configurations can be realized using both techniques. A ty-
pical example could be the need to mix a slow rate PCM code with the pilot's voice and
some vibration information . A possible technique is to modulate PCM in a FDM channel
with the sufficient frequency deviation, using the low side channels for analog data
transmission (PCM - FM/FM).

Another possibility is to consider the PCM wave like an analog signal and add the unmo-
dulated PCM with the FM/FM subcarriers in the mixer amplifier (Hybrid PCM). Both methods
allow an increase in the number of transmitted parameters and the only limitation is to
pay careful attention to deviation of the subcarriers to avoid overlays and consequent
signal loss. These overlays can be caused essentially by the spread spectrum generated
by the PCM. Fig. 331.19 shows some typical frequency distribution in hybrid PCM and
PCM - FM/FM applications.
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3.3.1.4. DATA RECORDING

Data obtained from multiplexing may be recorded at one or more remote stations or in the
helicopter. In this way the test data can be stored indefinitely and replayedin a demo-
dulation station to perform data reduction.

The main advantage of magnetic recorders is the capability of storing signals in the
electrical form; this characteristic allows the recorder to transfer information directly

into the computers, spectrum analyzers etc., for subsequent handling. When DC response
is needed, data is recorded in the FM mode; when DC response is not needed the Direct
Record mode is used. FDM signals are recorded in Direct mode as well as PCM waveforms.

PCM can also be recorded on high-density, that is a digital encoding compatible with
binary codes as NRZ, Miller etc.

Instrumentation recorders are generally used for telemetry work. They normally have
7, 14 or 28 tracks with separate record and reproduction heads for each track.

Each track may be allocated to a single data channel or may carry a multiplex.

3.3.1.4.1. RECORDER'S CHARACTERISTIC

The fundamental elements of a magnetic recorder are:

a) The record and reproduce electronics: this performs the transformation needed to
apply or reproduce signals to/from the heads.

b) The record and reproduce heads: these transform the above mentioned electric sigmal
on magnetization states on tape and again reconvert those states into electrical
signals.

c) The transport: it drives the magnetic support at constant speed over the heads.

The quality achieved in this function is strictly related to the repetition, accu-
racy and S/N ratio in the output signal, being the transport able to induce speed-
~dependent amplitude errors as "flutter" or "wow'".

d) The magnetic tape: it is composed of a plastic material base on which a thin film
of magnetic material is deployed.

A block diagram of the system is shown in fig. 331.20.

3.3.1.4.2. DIRECT RECORDING

The magnetic head is based on a ring-type coil with an air gap. The input signal
creates a magnetic field on the tape that correponds to the gap in one instant. When the
magnetized tape leaves the gap, the signal remains on the tape because of the remanence
characteristic. Taking 1into account that the remanence diagram is linear only in its
central part, the input signal is linearly mixed with a high frequency polarization vol-
tage (BIAS).

The main advantage of direct recording is the capability of allowing a very high frequen-
cy response. Moreover, the disadvantages are the practical impossibility of recording
signals close to DC and the sensitivity to the amplitude variations.

Another typical source of noise is generated by "signal drop-outs" caused by the imper-
fections existing on the magnetic tape surface. As a typical application, Direct recor-
ding is used to store FM/FM subcarriers. When FM/FM subcarriers are recorded the flut-
ter generated by the transport can induce very high noise in the original signal: this

is caused by the limited frequency deviation of each subcarrier. For this reason "flut-
ter compensation" should be applied to minimize the errors (see para 3.3.1.3.1.).

3.3.1.4.3. FM RECORDING

The FM recording is used when it is necessary to overcome the typical disadvantages
of Direct recording: the low frequency band limitation and the amplitude instability.
In practical terms FM recording is obtained by applying a frequency modulation to the
signal before adding it to the bias. This modulation, however, limits the frequency
response of the system. Therefore it is not normally used for multiplexed carriers and
application is limited to recording signals at relatively high frequency. Of course,
this solution requires the use of a recorder track for each parameter.

3.3.1.4.4. HIGH DENSITY DIGITAL RECORDING (HDDR)

The data acquisition systems have reached a high degree of sophistication in some case.
This fact has generated the demand for storing greater guantities of digital data.

A new technique forced by the diffusion of the PCM and other digital methods was there-
fore developed in order to allow high density digital recording on analog tapes.
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This possibility is achieved by means of "scrambling" that signifies to store on the
magnetic tape digital messages plus the associated clock.

HDDR makes it possible to record typically 33 K bpi for a total density up to 4 Mbit/sec.
The data stream is divided into blocks called frames and the segments into a specific
number of data bits. The.message is mixed with synch words at a predefined clock rate to
allow data recovery. The term "divided" does not imply physical separation as the data
is processed as a continuous bit stream.

S 831 INNATE) RECORDERS! CONFIGURATION

The embedded flexibility of a multi track recorder allows configuration with dif-
ferent electronics (HDDR, Direct, FM) as required for specific needs. In this event
the transport speed will be the common parameter that will define the nominal bandwidth
of each track. This possibility of diversification allows PCM data streams, FM/FM sub-—
carriers, stand alone vibration parameters, voice, etc. to mix in a single data media,
building up a complete measurement system.

All the above described characteristics are valid for both airborne and ground recorders
which can be configured in the same way. Of course, weight and environmental constraints
make these units different and, for the same reasons, the reliability of the airborne
units will be reduced. The reliability reduction is caused by the mechanical parts of
the transport that are easily affected by shock and vibration problems.

These points and frequent weight and space limitations existing on small size helicop-
ters make the ground recording (which implies telemetry) very interesting for several
reasons.

SRS RADIO TELEMETRY

The multiplex baseband signal may be carried over long distances

by the radio link. The link consists of a transmitter, a transmitting antenna,
the propagation path, a receiving antenna and a receiver.
The modulation used in the transmitter is normally AM, FM and PM. The frequencies used

are commonly in the bands 1435 - 1535 MHz and 2200 - 2300 MHz. The adoption of FM
(PM can be pratically assumed as a subset of FM) gives a natural protection to the link
against undesired electrical perturbations.

Bo8adiaBodo TRANSMITTERS

With a typical L band transmitter, emitted power up to 25 w can be available with less
than 2 Kg. of weight. This figure, compared with the 30 - 40 Kg. of an airborne recor-
der, demonstrates the undoubted advantage of the telemetry solution. Moreover it must
also be considered that the absence of moving mechanical parts and the solid state
technology gives to the transmitter a very high reliability;however, to maintain this
high reliability, great care should be taken in applying the appropriate cooling to the
system.

Radio links up to 100 Km. can be easily established without the use of special sensiti-
vity devices (receivers plus antennas) on the ground.

Up + 500 KHz being the normal available bandwidth, the multiplex signal is tied directly
to the transmitter input.

When non-modulated PCM signals are transmitted, the use of Bessel filters before modula-
tion is suggested to reduce the spread spectrum generated by the square wave that makes
up the binary signal.

SIS RIS 2L ANTENNAS

Antennas are used in order to radiate the signal power output from the transmitter
and capture a portion of this radiated power at another point. Significant characteri-
stic of the antennas are the directivity and gain related to it. For flight test tele-
metry application, omnidirectional antennas are normally used on board, assuring with
the 360° propagation characteristic the necessary coverage in all flight condition.
Sufficient propagation during manouvers (typically at high bank angles) must be esta-
blished with the appropriate antenna siting. To avoid black-outs caused by line of
sight loss arising from attitude changes, more than one antenna can be installed.
Antenna coupling can be effected by means of multicouplers and if necessary also with
different polarization.

As far as possible this technique is not employed to avoid loss of power caused by the
multicoupler and the expected beat between antennas.

On the ground, when long range is not required, omni antenna can also be used, allowing
a typical gain of 1 dB. If the receiver cannot be installed close to the receiving an-
tenna, cable loss can be recovered using antenna amplifiers which normally gains up
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to 20 dB. Additional gain can be achieved by means of directional antennas (20-30 4B
for 15° beam angle) which, however, require quite sophisticated tracking devices.
Polarization losses, caused by the above mentioned high attitude angle manouvers, can

be minimized using circular polarization in the receiving antenna. Loss of signal caused
by tracking errors can be eliminated by combining omni and directional antennas.

Clocioth ol s els RECEIVERS

As indicated for transmitters, there is a wide variety of available receivers. Im-
portant characteristics are the carrier frequency, the frequency stability, the input
noise level, the IF bandwidth. Receivers designated for voice communication may be used
for telemetry, but they should be carefully checked with respect to distortion.

A general purpose telemetry receiver generally has plus-in ‘modules for the RF tuning,

IF and demodulator. The receiver takes the incoming signal from Rx antennas (or anten-
na amplifiers) and after demodulation, sends it to the appropriate decommutation or re-
cording system.

Some receivers have predection recording feature and predetection playback capability.
In this way the received signal is down-translated from IF to a band which can be handled
by a tape recorder.

When a receiving system is based on both omni and tracking antennas, the receiver can

be connected to the aerial by means of antenna switching or by using a "diversity com-
biner". Adopting this technique implies that each antenna should be connected to a sepa-
rate receiver and send both signals to the diversity combiner.

This unit will provide on the output the best available signal defined in term of best
S/N ratio or lower AGC (Automatic Gain Control). The system is generally locked to the
tracking antenna which performs better than the omni, but in case of tracking loss the
system automatically switches on the omni side without loss of signal.

A possible configuration using a diversity combiner is shown in fig. 331.21.

3.3.1.6. DATA HANDLING

In the previous chapters it was shown how it is possible to recover information
on the ground. Following the encoding or multiplexing performed on board we now have
available complex signals that must be reconverted to the original form:
This is done by means of decommutation stations in which what was done on the aircraft
is reversed (see fig. 331.22).
At this point the real target is not to obtain the original signal shape but to make it
acceptable to the computer in order to be able to store such data in memory for proces-
sing. This function is obviously performed in a different way depending on the methods
adepted on board as PCM, FM/FM, PAM encoding etc., however two typical situations of
analog (FM/FM) or digital (PCM) demultiplexing are described below:

3.3.1.6.1 ANALOG DEMULTIPLEXING

As a consequence of the FM/FM multiplexing, a complex wave which contains subcar-
riers with the original signals is made available. To obtain the desired original in-
formation, the follwoing steps must be performed:

a) Playback: the signal is reproduced by means of a laboratory recorder/reproducer,
configured in the same way as the original recording.
This unit should be a high quality instrumentation type to avoid errors caused
by transport deficiencies and it must be elctrically aligned to the recording
unit to avoid degradation of signals. System output gain should be adjusted to
comply with input specifications of the successive system. Obviously step a)
is not applicable in case of real-time operation via radio link.

b) Demodulation: the original signals are obtained by means of "discriminators".
The latter are composed of input filters which select the appropriate subcarrier,
demodulators, and output filters so that any noise and unwanted frequencies are
eliminated. Output filtering is also necessary to make the output frequency
spectrum consistent with the digitalization sampling rate if digitalization is
required.
Noise generated by recorders transport errors is corrected with a "flutter com-
pensation” device. This kind of device is another discriminator that demodula-
tes a reference signal generated on board by a stable source (typ. 120 KHz, 240 Kiz).
The result is in effect an error signal that will be substracted from each sub-
carrier output. If CBW multiplexing is used the detranslation technique can be
applied (see para 3.3.1.3.1). The block diagram of a discriminators section is
shown in fig. 331.23.
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c) A/D conversion: digital transformation of analog signals is obtained through an
A/D converter that will present parallel digital words to the computer. This
uniit performs a sequential scanning of all channels at predefined time intervals,
as speed 1s a function of the highest frequency that is required to be detected.
Time delay between channels is very short (few ysec) and, when necessary, it can
be eliminated by A/D converters that use simultaneous sample-and-hold.

HIgh transfer rate between the A/D and the computer can be achieved by means of
internal buffers (FIFO) in which one or more complete scannings can be stored
before the DMA transfer. 8 to 16 bits accuracies and speeds up to 500 Kwords/sec
are normally available.

The above mentioned process can be performed both in real-time or in off-line playback
mode. The real time involves handling all the parameters at he same time. If the off-
-line playback is used, this total capability should have the availability of hundreds
of discriminators and A/D converters with hundreds of channels and very high transfer
rates. For this reason the off-line playback is normally performed track-by-track and
using common synchronization signals as IRIG time or rotor azimuth pulses.

3.3.1.6.2. DIGITAL DEMULTIPLEXING

With the PCM encoding a digital serial data stream is generated, in which all the
discrete values of the signal related to time intervals are contained (typical of TDM).
During the various phases that occured before the decommutation (e.g. filtering, recor-
ding, transmission etc.) this digital signal was altered. For this reason the signal
should be:

a) Reconstructed in its original binary serial form by means of a '"bit synchronizer".

b) Transformed in parallel words that will be sent to the computer at the correct
clock rate.

This process is shown in fig. 331.24.

As a major difference to the analog multiplexing, the PCM encoding does not expect a
sample rate common to all the channels and function of the maximum bandwidth required.
The use of subcommutation and surcommutation allows different sampling rates related to
the expected frequencies. However, as the PCM is a synchronous system, the transmis-
sion of data to the computer occurs at the basic rate and the relationship of words-pa-
rameters—time will be established in the computer. Another relevant aspect of the PCM
playback is that the basic recording can be processed at multiple speed, considerably
reducing the time devoted to the data formatting.

To allow data synchronization time, data is also transferred separately to the computer
or included in the PCM message.

3.3.1.6.3 DATA PROCESSING

-Data transferred to the ground station computer is not normally processed in this
unit. The computers used on ground station activity are usually "mini" with limited re-
sources devoted to the management of the station and to the data formatting activity.

The main target of these units is to store data on physical supports (e.g. discs, ma-
gnetic tapes) capable of being transferred to the mainframe computer dedicated to the
scientific activity.

In theseapplications where "midi" computers are available, CPU spare time is used to
transform raw data in engineering units through the use of '"calibraiton files" pre-—
viously generated, or to perform computations capable of showing preliminary results.
This information can be used to verify the quality of the data or to assure the safety
of the flight test activity (Quick-look functions).

Following space activity, in recent years a system has been developed devoted to reducing
the quantity of data to be handled. This technique, called "Data Compression", consists
of the elimination of the redundant data by means of a particular algorythm. It must be
noticed that this method is not normally applied in the flight test activity because the
normal quantity of data handled is not so great.

However, if we consider that the algorythms normally used for this function are very
similar to those used for the fatigue life calculations (rainflow, level-crossing, etc.),
we can foresee the application of these data compressor devices as computer front end.
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3.3.2.0 Introduction

The measurements or predictions of load are analysed to give magnitude and frequency
of occurrence of loads associated with various flight conditions. This information is
combined with the percent occurrence of the flight conditions from the mission spectrum
to produce the working load spectrum for the helicopter. These spectra of loads are devi-
sed for each fatigue critical component to cover conservatively all the envisaged role
usages of the helicopter or the specific mission of a particular operator, e.g. military.

There is some concern over the variation in loads from pilot to pilot and frome one
helicopter to another. The individual pilot's technique and the severity of the manoeuvres
which he performs can affect the resulting loads, therefore manoeuvres of different
severity are frequently flown to investigate this effect. Also the effects of normal at-
mospheric turbulence on the oscillatory rotor loads is another complicating factor. There-
fore, some manner of accounting for the scatter in loads should be employed.

One of the following methods is practiced in the helicopter industry:
- a stress factor is applied to the typical loads in each flight condition,

- for a given manoeuvre the highest load recorded in a test flight condition
is used in the subsequent analysis for substantiation,

- an "upper edge of data scatter" approach is used when enough data are available.
When no measurements are available, as it is the case in the design phase, average

load spectra can be estimated, using both generalised design data and information from
records taken on other existing helicopters in similar roles.

3.3.2.1 Uncycle~counted flight loads
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"Max Load Cycle
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Fig. 332.1 Steady state flight load history

In the most simple form loads are assumed to be equal to the maximum loads during a
flight condition or mission element.

The normal treatment of the data is to read the maximum (Spmayx) and minimum (spip)
values to give the maximum oscillatory (sp) value within a mission element. The associated
steady (sg) value is also listed.

This maximum oscillatory value is assumed to represent all of the load cycles for
the duration of that flight condition.
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With the known repeating frequency (£f;), mostly the rotor'frequency or a whole mul-
tiple of the rotor frequency, the total load cycles per hour of that flight condition can
be found. The number of load cycles per hour of flight (nj) is determined by multiplying
the total load cycles per hour of that flight condition by the occurrence factor (Fji),
which is the ratio of the time period in this condition to the total recording time.

This will be done for each condition in the mission spectrum leading to the working load
spectrum as shown in Table 332.1.

Flight Alternating Steady Repeating | Occurrence Load Cycles
Condition Load Load Frequency Factor per
Flight Hour
(i) (sy) (ss) (£,) F;) (n))
Table 332.1 Working load spectrum without cycle counting

This using of peak value flight loads without cycle counting is conservative because
it considers the maximum peak-to-peak load of the flight condition to be applied during
all load cycles, but it can cause high maintenance costs, if the conservative life re-
quires frequent replacement of parts. However, never should conservatism in cycle counting
be used to compensate for unconservatism elsewhere.

3.3.2.2 Cycle-counted flight loads

TURN MANEUVER
PULL-UP MANEUVER

LEVEL FLIGHT LEVEL FLIGHT
| Mt
D w
<[
9
’/ TIME \-
Fig. 332.2 Transient flight load history

In some flight conditions loads on a component may build up from relatively low un-
damaging levels to a damaging peak and the subside to low levels again, that is to say the
loads vary significantly from cycle to cycle. To treat these loads data more realistically,
the concept of cycle counting is employed.

The mechanization of processing and analysis techniques enabled replacing the pre-
viously used peak values of each flight condition by a load histogram based upon the ana-
lysis of the signal recorded over the entire duration of the flight condition considered.
As regards manoeuvres with low repetitivity, this operation should be carried out as many
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times as necessary to correctly illustrate an average flight.

To employ cycle counting, all load reversals over a lower limit are considered, in
addition to the maximum peak-to-peak load of the flight condition. The details of how
cycle counting will be conducted is described in Chapter 3.4 of this handbook.

The number of cycles per hour (nij) at different load classes is determined by
multiplying the number of cycles (cij) at each load class times the occurrence factor (F;),
taking into account the length of time (tj) for the data record.

It should be noted that in determining load cycles, not only each load reversal
but once per manceuvre or start-stop load cycles, caused by mean load shifts, must be
considered as well.

If the steady load is the same for all flight conditions, or if the mean load is
not considered by the counting method, a working load spectrum as shown in Table 332.2
will be found.

Flight Load Cycles per Flight Hour (n,.)
Condition +J
(i) Load Load Load Load
Class 1 Class 2 Class 3 Class j
s; * s, S, ¥ sS4 Sy s, sj B sj+1
P T 3 G T e e R Ly e T T P A A T T AT R A Nl B e
Table 332.2 Working load spectrum without mean load

By accumulating the number of cycles found for each load class, a working load spec-
trum is obtained as shown in Figure 332.3.
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Fig. 332.3 Cumulative freguency working load spectrum

_If the effect of steady loads on helicopter components must be taken into consi-
deration, the "Rainflow" counting method can be used, leading to a matrix of load cycles
§§2e§Ch class of steady and alternating load for each flight condition as shown in Table
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Steady Load
Alter-
nating Load
a3 2w i Lo s
s
Al
®a
2
“a
3
S
Ay
Table 332.3 Load matrix from Rainflow cycle counting for one flight condition

Aside from the counts in the lowest alternating load classes, which very seldom are
damaging, the majority of the cycles mostly occur at a small range of mean loads, allowing
the alternating load to be taken to be at one mean load. In this case a working load spec-
trum as shown in Table 332.4 will be found.

ALTERNATING STRESS 20 24 28 32 36 40

MEAN
No MANOEUVRE STRESS NUMBER OF CYCLES

1 | Take-off L 21 -1 - =) -t -

2 | Forward flight 20 kn 72 13| - -l =1 -1 =

3 | Forward flight 30 kn 68 - {12 2t - -} =

4 | Forward flight 40 kn 60 bl ol | -| -} -

5 | Forward flight 60 kn 60 A - T S

6 | Forward flight 103 kn 6l 2| bi12| -} - -

7 | Max power climb 70 kn 68 1) = | = =1 =

8 | Shallow approach to hover 56 121 51 61 8| 4| -

9 | Normal approach to hover 60 M|l 24 41 3| 51 1

Table 332.4 Working load spectrum with one mean load

3.3.2.3 Statistical based working load spectra

One area which is still a source of concern is the repeatability of manoeuvres of
given test points. Such things as pilot technique and reaction times can produce a wide
variation in the data obtained. One way of smoothing out such data is to perform each
test point a given number of times and to use a statistical approach on the results. The
drawback to this is, of course, time and money since flight testing is a costly and time
consuming operation and the approach outlined above would extend the time taken by a con-
siderable amount and result in higher costs.

As seen in the previous chapters, cycle-counted flight loads are specified in the
form of a series of flight conditions with the number of load cycles counted in each,
along with the corresponding steady and alternating load level in each condition. By accu-
mulating the number of load cycles counted for each mean load and at each alternating load
level, an overall distribution is obtained as shown in Figure 332.4. This histogram pre-
sents the number of load cycles counted at each load level, versus the alternating load
level.
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Fig. 332.4 Cycle-counted load spectrum

Experience has shown that a good curve-fit for the histogram can be obtained by
using a log-normal distribution, characterized by its median ™ and standard deviation s.

According to the linear cumulative damage hypothesis (Miner's rule), only loads
higher than the component's endurance limit M. must be considered. The cycle counted load
spectrum in the region higher than M, will be approximated by the following log-normal
distribution:

2

. 1 exp 1-(og Wi Z/(2 - s

)]
V21 + s + 1n 10

where:

= number of load cycles at a load level M
= arbitrary constant

= standard deviation

= alternating load level

2R on ®N 3
I

= median

The standard deviation s may be selected from past experience.

The curve of this distribution contacts the histogram of the cycle-counted load spec-
trum in at least two points (Mg, n{) and (M3, ny) by using the following values for M and K:

M
1 2 log &
M = antilog {5 log (M, M) + s° - m]? S+ Mf 1
log +—
M
2

K = n, - V2n s M1 * 1n 10 * expl (log M1/ﬁ)2/(2 . 52)]
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The working load spectrum is found by adding load cycles and load classes to the
cycle-counted load spectrum as shown in Figure 332.5.

Maximum load applied for representing a probability of occurrence P_ of all possible
loads will be &

- a - s
Mmax =M 10

and is to guard against the unexpected and abnormal load situations.

Values of a can be obtained from any statistics handbooks; e.g. to include 99.9%
of all possible loads, a = 3.09 must be used.
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Fig. 332.5 Statistical based working load spectrum
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3.k1 INTRODUCTION

The loads occurring in actual service in helicopters are difficult to predict with high accuracy. As
part of the certification process, the assumed design load spectra must be verified on the basis of actual
flight load measurements. These measurements will have to be analysed and in some way quantified. Various
methods exist to quantitatively asess recorded load time histories.

An important category in this context are the so called harmonic analysis methods. These methods
determine the "frequency-content" of the signal, that means they determine the frequencies or, inversely,
wavelengths of which the signal is built up.

Loads measured on the rotating parts of a helicopter usually show a periodic character, with the rotor
frequency as basic frequency. Harmonic analysis shows that the signal is built up of a discrete numbers of
sinusoidal components with frequencies being a whole multiple of the rotor frequency.

Such an analysis is highly relevant to determine the vibrational characteristics of the rotor, but is
not very descriptive for the "fatigue damage" of the loading.

This may be illustrated by the simple example given in figure 3k.f1.

Two signals are considered both having the same frequency content, namely a basic component with
frequency w and amplitude A and one higher harmonic with amplitude 3A and frequency 2w.

In the first case the phase difference between the two components is zero, in the second one 7/

Figure 34.1 shows that these different phase shifts result in a completely different signal-
appearance.

The first one varies between appr. + 1.3A and — 1.3A, hence the "range" is 2.64.

The second one appears as a 'main" load variation between + 0.TA and - 1.5A, hence with a range of
2.2A and a means of - 0.4A, plus a small additional load cycle with a range of appr. 0.2A and a mean of
0.65A.

It will be clear that the fatigue damage associated with these two signals is very different, although
their frequency content is the same!

The present sub chapter will pay no further attention to harmonic analysis but will deal with an other
category of analysis methods, namely methods which look for the occurrence of specific "events" in a load-
time trace.

After a general discussion on counting principles, special attention will be paid to one particular
method, known as range pair-range or rainflow-method.

This method will be described in full detail. A numerical example will be used to illustrate the
method.

The complete algorithm, laid down in flow diagrams, is contained in two annexes.

The sub chapter ends with a discussion, a summary and conclusions.

3.4.2  GENERAL DEFINITIONS OF COUNTING PRINCIPLES

Typical "events" that can be observed in a load-time trace are
the occurrance of load "peaks" at specific levels,
1 the exceedance or "crossing" of specific levels and
1ii the occurrance of load changes or "ranges" of a specific size.
Accordingly, the following "groups" of counting methods can be distinghuished.

e

a Peak count methods

The turning points in a load-time trace are indicated as "peaks" and "troughs" successively.
The number of times that peaks and troughs occur at various levels is counted.

b Level cross count methods

The number of times that the load signal crosses various levels is counted. Distinction can be made between
a crossing in an "upward" or positive sense and a "downward" or negative crossing. Obviously, the number of
upward crossings of a specific level must be equal to the number of downward crossings.

Peak counts and level cross counts are closely related: the number of positive crossings of a certain
level is equal to the number of peaks above that level minus the number of troughs above that level.
This implies that the result of a level cross count can be derived from a peak/trough count result. As the
opposite is not true, level cross counting may be considered as being of a "lower order" than peak/trough
counting.

¢ Range count methods

It is known that the fatigue~damage of a varying load depends primarily on the amplitude, the variation in
load rather than the absolute load level reached.

Hence, in order to quantify a load~time history in terms of fatigue-—damage, it appears logical to observe
the load variations or "ranges" occurring in the load history. This is the background of so-called range
count methods.

In the counting of variations or ranges two principles can be distinguished, indicated as

i counting of single ranges

ii counting of range-pairs.

The counting of single ranges, usually indicated as range-count, is illustrated in figure 34.2. In this
load history the following ranges are successively counted:

an upward Range ry = Sp - 859

a downward Range rp = 83 — Sp

an upward Range r3 sy - S3 etc.

The counting method is simple and straightforward but figure 34.3 indicates its sensitivity to small load
variations. Analysis of the signal on the left would have resulted in counting of a large number of
relatively small ranges. If the signal would have gone through a filter suppressing the small load
variations, as on the right side, only one very range would have been counted.
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The range—pair counting principle avoids this sensitivity. This principle is explained in figure 34.L4:
Rather than splitting upt the load trace showm in three successive ranges, the load trace is interpreted as
one "main" load variation or range with super—-imposed on it a small load cycle or range-pair.

The countingmethods described sofar comsidered the occurrance of single events.
On the other hand, it is also possible to look for the simultaneous or subsequent occurrance of two
different events. Such counting methods are indicated as two-dimensional.

For example, such a "combined event" can be the occurrance of a peak at level j followed by a trough
at leveli.

The result of such counting can be presented in a so-called Markov-Matrix A[i,j]; the element aij
gives the number of load variations "from" level j "to" level 1i.

The load variation from j to i can also be expressed as a "load range” r = (i - j) with an

i+ ]

associated "mean" m = >

Obviously, the counting result can also be expressed in a "Range-mean" matrix M, in which the element
Mlr,m] gives the number of counted ranges of size r with a "mean" m.

The next section gives a detailed description of a two-dimensional counting method of special interest

namely the range pair-range counting method. In this section the properties of the Markov-Matrix will be
studied in more detail.

3.4.3 THE "RANGE PAIR-RANGE" OR RAINFLOW COUNTING METHOD

Some 12 years ago, the NLR developed a two—dimensional counting procedure (Ref. 1,2) which was later
baptized Range pair-Range method (Ref. 3). At the same time and independently in Japan a method which
became known as Rainflow-method (Ref. L) was defined, described e.g. in reference 5.

Both methods yield exactly the same result, i.e. they extract exactly the same range pairs and single
ranges from the sequence, thus combining the range pair counting principle and the single range counting
principle in one counting method.

However, the descriptions of the methods are very different.

The present author prefers the range pair-range algorithm because it is easier to understand and to
explain and can very easily be programmed for computations.

In the following, a detail description of the range pair-range method will be presented.

3.4.3.1 Conversion of a load-time history into a peak/trough sequence

As the counting procedure only considers the values of succesive peaks and troughs, the complete load-
time history may firstly be reduced to a peak/trough sequence.

In the classification of peaks and troughs it is usual to apply a specific "range filter size" R as
show in figure 34.5.
A peak at a certain level is only recognized as such if the signal has dropped to a level which is "R"
lower than the peak level. In the same way a trough is counted if the signal has risen "R" above the
trough—-level.

A complete algorithm for this peak/trough search has been presented in annex A.

It will be assumed that the result is a series of n integer values Sp[p = 1,2...n] ranging from O

to k.
These values represent the successive peaks and troughs in the load sequence.

3.4.3.2 Description of the counting procedure

The counting procedure consists of two phases. In Phase I, the peak /trough sequence is searched for
range-pairs. At the end of this phase a "residu" is left which is analysed according to the single range
principle. The counting result will be stored in a Markov-Matrix A of size (x + 1) x (k+ 1),

The element a:: presents the number of counted ranges "from" level j "to" level i. Obviously, the elements
for which i <" J (elements "above" the main diagonal) contain "dowmward" load changes, and vica versa.

Phase I: Starting with the first recorded peaks/troughs, groups of four successive extremes Sp_3,Sp_2,Sp_1
and S, are considered.

In this group a range-pair is counted if the values of the two "inner" extremes Sp-2 and Sp_y fall
within the range bound by S_ and S_-3: (see Fig. 34.6).

Counting a pair implieS that the value of the appropriate element ajj in the "upper" triangle" and the
opposite element 2:; in the lower triangle of the Markov-Matrix are increased by one.

Next, the "counted" extremes Sp-2 and Sp—q are deleted from the record and the procedure is repeated
"moving backward", by considering the four extremes Sp_5,8p-4,5p-3 and Sp.

If the counting criterion is not met, one moves one step forward, hence the extremes Sp_g,SP-1,Sp and
Sp+1 are considered and so on.

Tt can easily be shown that if the whole sequence has been searched for pairs in this way, eventually
a "residu" remains which has the shape indicated in figure 34.7, namely a "diverging'" part followed by a
converging part.

Phase II: The "residu" S1,55,53 etc. is simply counted as successive single ranges 5q - 5p,5p —53, etc.
Tt can easily be shown that the maximum length of the residu is 2k + 1 extremes, containing 2k ranges.

Figure 3L.8 gives as an example the complete range pair-range counting of a sequence of 8 extremes.

First the extremes S1,S ,§ gnd S, are considered, next S2’S ,5, and S_, next S_,S, ,5_ and S,. This is
the first time that a range %al? is cotnted. S, and S_ are delBted. ﬁext, SEepping "§acﬁwa§d" S1, ,5., and
S, are considered. Again a "pair" S, -8 is found. Ffom the remaining four extremes no pairs can Be gub-
tracted. This residu is further counted as single ranges.
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A complete algorithm for the range pair-range counting method is presented in annex B.

As a further example the load traces presented in figures 34.9 and 34.10 have been analysed. The
counting results are given in figure 3k4.11.

— “FROM" |

3.4.3.3 PFurther analysis of the counting result

The final counting result is contained in a i<ic i
matrix A of size (k + 1) x (k + 1), in which the \Qb
element ajj gives the number of counted variations "from"
level j "to" level i:
as mentioned before, the "upward" or positive" load variations
will be contained below the main diagonal and downward variations
in the triangle above the diagonal. Obviously, the elements on
the diagonal (i = j) must be zero.

o

i

“TO" |

-

Looking at the example counting result given in figure 34.11, some interesting features of range
palr-range counting should be noted:
i The maximum load variations counted must be equal to the distance between the highest peak and the
" lowest trough in the record. In our example the lowest trough is O and the highest peak 9; as the peak
at O occurred earlier than the trough at 0, the associated variation of size 9 is a "downward" one and

an entry is found in element a, 9
3

An important consequence of this property is that the result of the range pair-range counting depends
on the length of the record analysed at one time. If a record is split in two halves, counting each half
separately and adding these results together, the result can be different from the one obtained if the
whole record is counted in one batch.

ii The size of the range-filter has only an effect on the counts of ranges smaller than that filter.

Figure 34.11 shows that the only effect of increasing the range filter size from R = 1to R = 3 is
that all elements a.. for which |i - j| < 3 become zero.

In other wordsy the choice of the Range filter size R is not critical. The counting result
pertaining to a certain filter size can easily be converted to larger filter sizes.

Derivation of peak count result

The number of peaks at level x must be equal to the number of "upward" ranges ending at level x:
x-1
N (x) = X a
P j=0 J
or the number of downward ranges coming from level x
x-1

Both expressions give essentially the same result with one exception, associated with the first and last
extreme of the load sequence: if the last extreme is a peak, this will be included in the sum of upward
ranges but not in the sum of downward ranges.

Thus, in our example the number of upward ranges ending at level 6 is equal to T, and the number of
downward ranges starting at level 6 is equal 6, see figure 34.11 a.

To avoid ambiguity, it is useful to define the first and last extremes in the record as "halve
extremes"; the peak count result can then be obtained from:

x—1 x-1
N (x)=3[% a.+ I a. (3.4.1)
2 j=0 X iz
In the same way, the number of troughs at level x is given by:
k k
N (x) =3[x a_.+ X a. ] (3.4.2)
= J=x+1 2 gy ¥
The number of peaks at or above x is equal to:
b k
N (x) = X N_(a) (3.4.3)
a=x P
The number of troughs at or below x is equal to:
o X
Nt(x) = X Nt(d) (3.4.4)

d=0

The peak/trough count results for our example are presented in table 34,1 and figure 34.12. It may be noted
that the result depends very heavily on the size of the range filter R.
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Derivation of level cross count result

The number of positive crossings of a certain level x is equal to the number of upward ranges
starting at a level lower than or equal to x and ending at a level higher than x:

k X
N,(x) = £ I oa;. (3.L.5)
i=x+1 j=0 M9
The level cross count results for our example are presented in table 34.1 and figure 34,13, It may be noted

that also the level cross count result is very sensitive for the size of the range filter used.

Reduced Range pair Range count result

Because of its two-dimensional character the counting result, as presented in the Markov-matrix,
is not very well suited for pictorial presentation. For this purpose, the complete two-dimensional counting
result may be reduced to a simplified format yielding

& The number of load changes N (r) with range r
b The average mean m (r) pertaining to the load changes with range r.
¢ Additionally, to give an information about the variability of the mean, the variance g (r) is

sometimes presented. n

The range r can take all integer values from 1 to k inctusive.
These quantities can be deduced from the complete natrix using the following expressions:

N(r) = number of "downward" and "upward" load changes with range r = N(r~) + N{(r')

k-r k
N(r) = x 8 jur + 'Z ai,i—r (3.4.6)
1=0 . —> "FROM"
k-r . k - ‘\\\
- 2i+ 2i-
w (r) = [i}io(ai’iﬂ' = I (o i, x;—r>] / N(r) (3.4.7) ' D

Um (I‘) = _—2 ( ) - [_ ( )]2 (3.]4.8) - \\,l,

m r m ({r :9 ~ % \
—— k-r k l \\\\
= (x) = [iio o e % (57 4 R (212__1»)2] SR

The number of load changes with range equal to or larger than r, Ncum(r) is calculated from:

k
Ncum(r) = r*zr N(x*) (3.%.10)

The reduced counting results for the example-trace have been presented in table 34.2 and figure 34.1k. So
far, it was assumed that the counting result was actually stored in a complete Markov Matrix and that the
reduced range pair-range result was derived from that matrix.

If a high resolution (meaning a large value of k) is required, the necessary memory capacity to store
the matrix, namely (k + 1) x (kx + 1), may become very large. For example, if k = 255, the matrix consists
of 65.536 elements!

If it is intended to eventually use only the reduced range pair-range result, it becomes advisable to
calculate the "reduced" quantities N(r), Im(r) and Tm?(r) directly during counting rather than filling up
a matrix. As k values for r are possible, the required memory-capacity will be 3 x k or, for e.g k = 255,
765 only. Counting a "range pair" with range r and mean m than means that the "reduced" quantities are
updated:

[Zm(r)]new= [zm(r)]old+2m (3.4.11)
[Zm2(r)]new = [ng(r)]old + on?

Obviously, for counting single ranges in plase II, the figure 2 in equations 3.4%.11 must be replaced by 1.
When the counting is completed, m (r) and o (r) are computed:
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Im (r) / N(r)

u(x) / 8(x) - [m ()12 (3.4.12)

=21
B
1

Q
—
"
I

It will be clear that if the reduced quantities are counted directly, the peak count result and the level
cross count result can no longer be obtained.

3.4.4 DISCUSSION

In the previous sub-chapter, the Range pair-Range counting method came out as a very powerful counting
method.

Essentially, the method splits up a load-time history into separate loadecycles, having a specific
amplitude or "range" and a specific mean. The counting result can be directly applied in cumulative fatigue
damage calculations according to Miner's rule and in simple crack growth calculations. Methods exist to
generate from the "matrix" load sequences to be applied in fatigue tests or for application in more complex

crack growth calculation methods. It may be recalled that the counting method is insensitive for the size
of "range filter" applied to the signal. In summary, the range pair-range method appears to be the most
appropriate one to define the "fatigue content" of a loading sequence.

One aspect of the counting method needs some further consideration. It may be recalled that the
counting method will always yield as largest range counted the load variation between the lowest trough
and the highest peak. This variation is interpreted as a "half load cycle". Suppose that this lowest trough
occurs very early in the load sequence and the highest peak at the end. If the load sequence in question is
a very long one, one may ask whether it makes physically sense t0 combine these "timely remote" occurrances
into one cycle. Specifically in the case of a growing crack, one can imagine that the peak at the end will
be seen by a crack which is very different in size and cracktip condition from the one prevailing at
occurrance of the lowest trough.

In other words, from a physical point of view it is advisable to restrict the size of the load
history on which the range pair-range method is applied at one time. Very long load histories should be
split up, and each part counted separately.

For the analysis of helicopter rotor loads, "one flight" seems to be a reasonable choice as a maximum
length.

Finally, a few things will be said about the use of other counting methods. It may be useful to apply
peak count- or level cross counting to a loading history in order to allow comparison with other load data
which have been presented as peak/trough spectra or load level exceedance spectra. In this context, it
should be kept in mind that a vast amount of load data have been and are being obtained from counting
accelerometers. These instruments actually apply a level cross counting technique. These methods, however,
must be considered as less relevant for describing the fatigue damage of a load history than range
countings.

3.4.5 SUMMARY AND CONCLUSION >

In the present chapter methods to analyse load time histories by means of counting methods were
discussed. Specific attention was paid to the range pair-range method or rainflow method, which was
discribed in full detail. The following conclusions can be made:

. The rangepair-range or rainflow method is a very powerful method to describe the "fatigue-content" of a
load time history.

. Peak count results and level cross counts can easily be obtained from the complete range pair-range
matrix.

. Use of a "reduced" range pair-range count result may be practical, specifically if computer memory
limitations are important.
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TABLE 1

Results of peak counting and level cross counting

Range filter 1 Range filter = 3

£ pos. -, pos.
L pesks LEeEEhs level cross 2 troughs level cross
[} ©
— c c — (o]

1\1p Np N, N, Ny N | N N,
9| 2 2 0 30.5 0 9 0 12 0
8 5 7 0 30.5 2 0 12 2
7| 5 12 0 30.5 7 10 12 5
6| 6.5] 18.5| 3 30.5 12 0 12 7
5| 6 24,51 5 27.5 16 1 12 8

5 29.5] b4 22.5 17 0.5 1 11

1 30.5{5.5 | 18.5 18 1 10.5 1

0 30.5) T 13 13 k.51 9.5 10

0 30.5| 5 6 6 y 5 5

0 30.5] 1 1 1 1 1 1

TABLE 3k4.2
Reduced range pair-range counting result
Filter R =1 Filter R =3

Range

r N(r) N, m(T) m (r) g, (r) T M (r) | oy (x)

1 11 61 k.6 1.3 24

2 26 50 b7 1.5 2h

3 12 2h 4.2 1.2 24 .2 1.2

i l 12 6.0 0.0 i 12 6.0 0.0

5 1 11 4.5 0.0 11 k.5 0.0

6 3 10 L.0 0.0 3 10 .0 0.0

7 2 7 L.5 0.0 2 7 4.5 0.0

8 4 5 4.8 0.5 L 5 k.8 0.5

9 1 1 4.5 0.0 1 k.5 0.0
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Fig. 34.1 The effect of phasedifference ¢ on the shape of the periodic signal considered



98

Fig. 3L4.2 Principle of the range
count method

UNFILTERED SIGNAL FILTERED SIGNAL

/]

Fig. 34.3 Sensitivity for small
load variations

R

Fig. 3L.4 Range pair counting
principle

R RANGE- FILTER SIZE

Fig. 3L.5 C(Classification of peaks and troughs
using a range-filter R
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Fig. 34.6 Range pair counting criterion

Fig. 34.7 Shape of the residu after
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Fig. 34.8 Simple example of range pair-range counting
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Fig. 34.9 Analysis of a load-time history for peaks and troughs
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the load trace of fig. 3L.9
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ANNEX 3.4 A

Peak/trough search algorithm

A load history x(t), 0 <t < T, may be either recorded in an analog format and converted into a digital
form or recorded directly in a digital format as a series of integer values x.[i = 1 ... 2]. The values x.
are numbers ranging from 0 to k. This sequence is searched for peak/through vélues. The successive extremés
found are called s, ,S, and so on. The last extreme found is Sp. A range-filter with size R is used. This
means that successive peaks and troughs differ at least a value R The algorithm is defined in the
following flow diagram, which consists of the parts 'BEGIN', 'MINZO', 'MAXZO' and 'ENDZO'.

BEGIN:
TROUGH: =PEAK =my
r=0p=1
f:=0
1 Pr= 41 |
1
NO 3
[_.._< i=d >—>—|Y S GOTO ENDZO >
N
o X, < TROUGH YES
L TF!OUGH::xi I L PEAK::xi I
™.
YES
PEAK-TROUGH >R =—<PEAK-TROUGH>R ES!
N
[ Sp::PEAK l I Sp:=T:iOUGH j
GOTO GOTO
MINZO MAXZO,
MINZD

<> o

___I THOHMGH: = & I

- MO % — THOUGH > R YES

GaTo i
MAKZD By = TROUGH
FEAK 'rhl
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MAXZO: *

_____r PEAK: =x; j

YES
p:=p+1
GOTO
GoTo S_:=PEAK
TROUGH: =x,
ENDZED:
I nimp+1 I

YES

TAOUGH +PEAK
gt TP

5
n 2
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ANNEX 3.4 B
Range Pair-Range Algorithm

General.:

The input consists of a stream of n integer values ranging from 0 to k, which represent successive peaks
and troughs in a load-time history. Counting ends when last input data has been read, and counting results
are put out. Output consists of matrix A of size (k + 1) x (k + 1).

aij is number of counted load changes starting at level j and ending at level i.
The algorithm is presented in the following flow diagram.

BATCH SIZEN START
PHASE | [

$,=READ I

p=p+1
q=q+1
Sp:READ

YES NO

5 s N
02”5, 34 Dsp61R23 s —

AND
sp_2< sp_a Sp—1 < Sp__3 AND Sp < Sp

ANDS_ >S
p—3 p =

-2

RANGE PAIR COUNT

A %sp_z, s _1l=A S, o s, _4I+1
A sp'_1s, Sp_2]=A [Sp_1, sp _2]+1
GOTO Il Sp2=5,

P=p-2

PHASE 11

NO YES

RANGE—MEAN COUNT
Als sq] =

q+t1
A[Sq+1,Sq] +1

QUTPUT
END
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4.1.0 INTRODUCTION

Fatigue strength should be based on past full-scale fatigue tests and/or materials
fatigue data under consideration of size, shape, surface finish, and environment of the
structure., There is a large quantity of information available on the fatigue strength
characteristics of material specimens, built-up specimens and parts. However, in many
cases the differences between past test specimens and the actual part cannot be accounted
for with a reasonable degree of accuracy (Ref. 41.1).

In the helicopter industry the fatigue strength of critical structural components,
defined as components subjected to significant fatigue loading, the failure of which
would be catastrophic in terms of flight safety, is usually determined by full-scale
fatigue tests.

An analytical determination of fatigue strength of structural components through use
of coupon tests on specific materials with subsequent application of factors concerning
stress concentration, fretting, size effect, and so on, will be regarded as sufficient
only in those cases, for which the fatigue margin of safety is extremely high or when the
service loads are clearly defined and the primary mode of failure is evident, and if the
precise stress distribution is known.

Fatigue is a failure mechanism that occurs as a consequence of repeated stressing.
Fatigue properties are reported and used in terms of fatigue strength, i.e. the stress
required to produce failure in a designated life-time. These properties, however, are
determined in terms of fatigue life, i.e. the number of stress applications required to
produce failure under designated conditions of loading and environment (Ref. 41.2).

4.1.1 FATIGUE TESTING

The objective of a fatigue test is to determine the fatigue life and the location of
failure of a test piece subjected to a prescribed sequence of load amplitudes. If the
test piece is a structural component and the applied load is to simulate the service lcad
conditions, this may be the sole purpose of the test.

In most cases, however, it is required that the test be designed in such a way that
it will allow a generalization of the result obtained, to provide the entire load versus
number of loadings curve from static strength up to the endurance limit. For this purpose
it is indispensable that the test conditions be simplified, be it with regard to the se-
quence of load amplitudes or to the test piece or to both, to establish the factors which
influence the fatigue life.

Since fatigue strength is of a statistical nature, a relatively large number of tests
has to be carried out even if one only considers average values of such parameters as e.g.
standard deviation. This requirement has some influence on the choice of the testing pro-
cedure.

The type of tests varies depending on how the component is loaded in service and on
the complexity of the component and can be characterized by

- the sequence of load amplitudes and
- the types of test pieces.

4.1.1.1 Types of load sequences

TEST CONSTANT VARIABLE AMPLITUDE
AMPLITUDE

CONVENTIONAY PROGRAMMEl RANDOM TESTI FLIGHT-SIMULATION TEST
FATIGUE TESTITEST ON SPECIMENS|ON STRUCTURE

LOADING
1PERIOD TTUFUGHT

MAIN VARIABLES | Sm. Sm. Sm. ASSUMED SERVICE LOAD-
OF THE LOAD Sa LOAD {Salrms. CONDITION

SPECTRUM, | IRREGULARITY

LENGTH OF | FACTOR

PERIOD, CLIPPING

50, max RATIO

AIMS OF TESTING I BASIC DATA FOR LIFE ESTIMATES I

COMPARATIVE DESIGN STUDIES

[ DIRECT LIFE ESTIMATES I

INDICATION OF FATIGUE
CRITICAL ELEMENTS,
CRACK RATES,
INSPECTION,REPAIRS,
ECT.

Fig. 41.1 Survey of different types of load sequences (Ref. 41.3)
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Constant amplitude

A constant amplitude test is performed by applying reversals of load of a constant
amplitude to the test piece until failure occurs or for a preassigned number of cycles.
Different specimens of the test series may be subjected to different load amplitudes, but
for each individual item the amplitude will be helt constant.

This type of fatigue testing is used mainly to define an S-N curve, i.e. the rela-
tion between load and life, keeping constant the mean load S_ or the stress ratio R, which
is the ratio of the minimum to the maximum stress during a lgading cycle. The result and
its usefulness depend upon the total number of specimens, the choice of load levels, and
the allocation of specimens to the load levels.

If the total mumber of specimens is small, the only information obtainable is an
estimate of the average S-N curve corresponding to a probability of survival of fifty per
cent, It is common practice in the helicopter industry to use some twenty to thirty speci-
mens to establish each S-N curve, because of material and fabrication variations. The
number of specimens tested has a self-evident influence on the accuracy of the parameters
computed from the observations. Other factors viz. the choice of the load levels, the
inherent scatter of the specimens and of the testing machine, may be of equal importance.
A small number of specimens therefore can to some extent be compensated for by a more
efficient design of the test conditions.

The choice of load levels depends upon the purpose for which the data are required.
If the main interest is e.g. in the endurance limit range of the S$-N curve, low load
levels will be chosen. If the complete S-N diagram is wanted, the load levels may be more
evenly distributed. It is strongly recommended that static tests should also be included.
It may be said that the greater the difference between the highest and the lowest load
levels, the greater the accuracy of computed parameters. An often used test approach is
the "two level" test, with emphasis on the high level. The "high" test level is usually
selected at or slightly above load levels which produce an average performance of 10
cycles. The first specimen will usually quickly indicate the life potential and influence
any further load level adjustments. The "low" level is usually sought to yield about 106
cycles per specimen. The objective of this approach is to supply depth of testing to the
high load region where failures occur at low numbers of cycles and where there is more
potential for competing failure modes to appear and also to allow for the possible emer-
gence of a different mode of failure at lower loads (Ref. 41.4).

The allocation of specimens to the load levels is not very crucial under the condi-
tion that a proper transformation of the test results has been performed, as shown later
in this design guide. All the observations can then be pooled and used to determine the
average curve and the distribution of the deviations from it.

In the helicopter industry simple fatigue tests are usually carried out, i.e. each
single test piece will be subjected to a different alternating load of constant amplitude.
The normal method of carrying out this test is to establish the static strength and then
to place a second specimen in the machine and to apply reversals of load of a maghitude
somewhat lower than the static strength. If the specimen fails after a certain number of
reversals, a third specimen is placed in the machine and subjected to a range of load
less than that used for the first fatigue experiment. Again failure results after a cer-
tain endurance and the process is repeated, the applied range of load being reduced with
each succeeding specimen until a load is reached which does not cause failure within a
preassigned number of cycles. The result of such a test is represented for each speci-
men by a paired number (S,N) which may be plotted to appropriate co-ordinates and used
for establishing an average S-N curve as well as the variability in fatigue strength
(Ref. 41.5).

In some cases multiple fatigue tests will be carried out, i.e. a simple fatigue test
is repeated a number of times under identical conditions. The result of such a test is
represented by a number of (S,N) pairs which will provide an average value and, in addi-
tion, will indicate the scatter of this average, usually measured by the statistical
distribution of fatigue life,

Variable amplitude

A variable amplitude test is required in order to simulate an extremely complicated
pattern of load cycles of varying amplitude and mean load to which a component is subjec-
ted in actual service. These load cycles appear in a random order, and must therefore be
described in statistical terms. When these loads are simulated in a fatigue testing machi-
ne, considerable simplifications are usually introduced, depending upon the test purpose
and the available fatigue testing machine.

In the programme test the load amplitude varies periodically, either continuously or
stepwise, depending on the fatigue testing machine. The relative frequency of a load
cycle of a certain amplitude has been determined by a counting method as shown earlier
in this design guide. A limited number of load cycles with constant amplitude is selected
to constitute a step. Naturally, the fewer the cycles within each step, the more realis-
tic the simulation will be. A limit is imposed, however, by the condition that the largest
amplitude must have at least one or preferably a few cycles in the step. The steps are
grouped together in blocks which are applied to the test piece and repeated until failure
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occurs without changing the shape of the block, i.e. the pattern in which the steps are
arranged within the block. Failure may occur in any one of the steps, and consequently the
load level at which this happens cannot be anticipated. For comparative design studies
programme tests may give useful information.

The spectrum test represents the most realistic simulation of an extremely compli-
cated pattern of load cycles by either randomizing the individual load cycles (random
test) or by directly applying the load sequences occurring in flight (flight-simulation
test) . Spectrum tests require sophisticated fatigue testing machines employing electro-
hydraulic servo valves with a closed-loop system. In general, actual components are used
in the flight-simulation tests to directly establish replacement times. If realistic but
different load sequences are applied by different investigators the test results cannot
be compared. Therefore a demand grew for standardisation of load sequences that could be
considered as representative for a specific type of loading. For detailed information see
later in this design guide.

4.1.1.2 Types of test pieces

Test pieces used in fatigue testing may be divided into two categories, which will
be designated coupons and components.

Coupon

The coupon is a test piece of simple shape, frequently standardised, of small size,
and prepared carefully and with good surface finish. The coupon may be unnotched or notched.
The purpose of the simplification is to make it less expensive, but moreover to reduce the
variability of the product and to keep different influential factors under control. Test
pieces of this type are usually intended for testing the material under varying conditions
and to study the effect of various factors on its fatigue life.

The unnotched coupon should be designed in such a way that its test portion is sub-
jected to a uniform or smoothly varying stress over the test length, of such a magnitude
that premature failure does not develop at unintentional stress raisers in the grip or
transition portion.

The notched coupons are used for studying the notch sensitivity of materials and for
simulating stress raisers appearing in actual components. Maximum stresses within a notched
specimen are determined by calculating nominal stresses in the same way as for unnotched
specimens and correcting these values by means of a stress concentration factor XK, . This
theoretical stress concentration factor K_ is defined as the ratio of the local péak stress
to the nominal stress at the cross—sectioﬁ.

Due to economic and time constraints it must be recognized that only a limited amount
of testing can be tolerated in a helicopter development programme, therefore, coupon test
results on the same material to that on the helicopter are used to assist in defining the
S-N curve shape through the actual helicopter component test results.

Component

The component signifies any machine part, actual structure, machine and assembly,
including scale models and elements simulating actual components. The latter two are de-—
signed and tested in order to reduce the cost of testing large and complicated structures

and include bolted, riveted, welded and bonded joints, screw connections, loaded holes
and lugs.

It is common practice in the helicopter industry to group components of the heli-
copter with respect to types of fatigue loading and the following is suggested:

- dynamic components,
- gear-boxes,
- airframe.

Dynamic components comprise the rotor blades, hubs, shafts and controls of both the

m@in and tail rotor systems as well as the supporting structure for rotors, transmis-
sions and engines, and the drive shafts.

For development purposes, prototype components are subjected to a searching series
of fatigue tests. The aim is to establish the potential fatigue lives of the parts. In
these early stages of testing, it is normal to define a loading programme in terms of
the primary dynamic load, which may be: control load, main rotor shaft bending moment or
any other primary parameter which is easily measured in flight and in the laboratory or

which may even result from calculations assuming simplified structures and using basic
mechanical knowledge.

The mode of testing may vary, dependent upon type of loading and complexity of the
component. A realistic fatigue strength would come from a simple multi-level, repetitive
load programme, which should take mean load variation into account. If the load pattern
is sufficiently simple, a constant amplitude type of loading may be used. During this
phase, alternative design studies are often tested for comparison.
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In the fatigue substantiation phase, the component must be.an exact replica of the
part that is flown on the helicopter. Usually it is selected from the production lines
at random and must have suitable attaching parts to simulate its installation on the
helicopter. The test must be designed to achieve representative stress distribution in
the components, with load applied and reacted through actual mating parts to verify that
boundary conditions such as fixity and clamping stiffness are representative. The infor-
mation required from these tests is an estimate of the average fatigue strength, usually
stated in the form of an S-N curve, and also some confirmation of the degree of scatter
of strength about the average value.

As much as possible, or practical, loads are applied to the full-scale part to re-
present the load application experienced by the part on the helicopter. Due to high load
frequencies experienced by the dynamic components of a helicopter, fatigue tests at higher
load levels are carried out in order to reveal modes of failure within a reasonable testing
time. Obviously, the failure mode is significant in the selection of the S-N curve and
therefore it is a considerable advantage to aim for failure of the part rather than a
run-out.

Simulation of oscillatory flight test loads in fatigue test machines is often not
an easy task. For instance, simulation of rotor forces presents problems which may cause
overloading in one area of the rotor blade and loads that are too low in another place.
For this reason full-scale fatigue tests are conducted with the root end and the aerofoil
section separately. Phasing and frequency simulation of loads must be carefully considered.

If an assembly of components is tested, it may be necessary, in some cases, to re-
place the weakest components by dummy members in order to test the stronger ones and to
collect test data on each component.

Fatigue tests on a component with different materials, e.g. elastomerics in metal
parts, may present unusual situations. Difficulties may also arise in applying environ-
mental factors, such as temperature and moisture in composite parts. In other cases,
accelerated tests may not be practical because of overheating, but the general principles
in establishing fatigue strength for these materials are similar to those of conventional
materials.

It is common practice in the helicopter industry to test from four to six specimens,
and choose one load level estimated to yield the magnitude of 107 cycles. The other speci-
mens are tested to failure at various load levels.

If the measured loads are very low in comparison with the endurance limit, then very
few specimens are required.

For economic reasons it is usually not possible to test a sufficient number of com-
ponents to obtain a high level of confidence in these results, therefore the full-scale
data are used essentially to establish only the mean location of the S-N curve and infor-
mation about S-N curve shape and scatter are obtained from tests on a large number of
coupons.

Gear-boxes comprise gear trains, gear teeth, bearings, freewheels, and the gear-box
casing itself. Usually two basic types of fatigue tests are performed:

- component tests in standard testing machines,
- bench tests in special purpose rigs.

The component fatigue tests can be seen as being equivalent to those previously des-
cribed for general dynamic components, and they will be carried out, e.g. on parts which
are not adequately covered by the bench tests or on parts for comparative tests of gear
material. However portions of the gear-box casing, where the supporting structure and
the control jacks are attached, may also be fatigue evaluated in component tests.

The bench test of a gear-box is centred on the testing of a complete gear-box rotating
under a spectrum of torque in transmission closed-loop or power-absorption test stands,
which have the capability of applying the correct power-torque-speed relationships.
Fatigue loading on gear teeth is in the form of a pulsed load acting once per gear wheel
rotation. The magnitude of this load is dependent on the torque being transmitted. The
test will usually take the form of an overload or factored torque test with the gear-box
running at normal speeds. The test requirements can be up to 140% of the maximum expec-
ted input power for 10 million cycles on the slowest operating component.

In order to obtain representative casing deflections, full representation of exter-
nal loadings should be applied during the test.

As direct fatigue design data will not be established during this bench testing, it
is not intended to describe it in any more detail.

The airframe of a modern helicopter is built on the principles in current use on
fixed wing aircraft. This construction has a certain amount of inherent failsafe charac-
teristics and may be subject to damage tolerant methods of assessment.

As it is necessary to establish that the airframe will have a satisfactory economic
life without major repair and an extremely remote probability of a catastrophic fatigue
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failure, fatigue tests on a full-scaleairframe are conducted mainly for fail-safe strength
evaluation. In general, however, it is most difficult to apply a realistic loading to the

helicopter, composed of low frequency manoeuvre loadings with superimposed high frequency
vibrations.,.

Major parts of the airframe, e.g. tail plane, are usually subject to a realistic
programme of manoeuvre loads to establish the lives at which cracking occurs, the lo-
cations of such cracks, their detectability and the rates of crack propagation. There are
other parts of the airframe which have single load paths and must therefore be treated as
critical dynamic components. These parts are the attaching points of main and tail rotor,
of engines, of hydraulic systems and of control jacks.

Concluding the information on fatigue testing, the following statements can be made:

~- Without doubt, the best life predictions would result from tests with actual
components and true service loads under realistic environmental conditions.
On the other hand, realistic loadings for helcopter parts generally contain
a high number of cycles with low and medium loads and only a few reversals
with high loads. So, in substantiating requested lifetimes of some thousand
hours, intolerably long testing time would be necessary. Therefore constant
amplitude testing is mostly used to evaluate fatigue strength.

- To extract the maximum knowledge from the component, all failed specimens
should be studied by design and structures supervision and subjected to an
evaluation by the materials laboratory.

4.1.2 FATIGUE RESULTS

The main purpose of fatigue testing is the experimental establishment of the relation
between the magnitude of the applied load, stress or strain, and the fatigue life for the
coupon or component under test. The fatigue results can be condensed into a graph or an
analytical expression for engineering purposes.

A number of other significant factors, e.g. mean stress or notch factor, are always
involved in fatigue testing and must be recorded on the graphs so that they can be inter-~
preted correctly.

Fatigue tests are conducted under a variety of loading conditions that include a
tensile or compressive mean stress with a superimposed sinusoidal and the like alterna-
ting stress. The load may be applied in several ways, including axial loading, rotating
bending, plate bending, torsional loading, and in various combinations of the above.

Fatigue failures usually originate from the surface of the specimen. Surface condi-
tion and geometry; as for example smoothness or residual stresses, are influenced, e.g.
by manufacturing processes, surface treatment, and service usage.

An inherent property of the fatigue tested specimens is that the results show varia-
bility, which is always observed when a number of identical tests are performed. This
scatter is much too large to be neglected. In order to keep the probability of catastro-
phic failure extremely remote, it is necessary to apply a reduction factor. In the heli-
copter industry it is general practice to use a reduction on load, so that with reasonable
confidence it can be stated that a large portion of components will fail only above the
reduced or working S-N curve.

4.1.2.1 S-N curve shapes

While the stress-strain.diagram is used to interpret static properties of a material,

the 5-N curve, where S is related to the applied load and N is the number of cycles, is
used to interpret fatigue properties.

The fatigue test data obtained on a group of identically prepared specimens, all
tested in the same environment at one stress ratio R, with one or more specimens tested
at each of several stress levels, can be presented in an S-N diagram as shown in Fig. 41.2.
The graph upon which the data are plotted has the maximum stress S ax ©Or alternating
stress S5 as ordinate on any standard scale and the number of cycles to failure N as
abscissa on a logarithmic scale, and is therefore called semi-logarithmic.
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Fig. 41.2 Shear fatigue S-N diagram of glass fibre composites

Run-out points are typically considered part of the population and are displayed at
the number of cycles endured with an arrow attached. If a run-out was tested at a reasonable
load level, e.g. within the scatter-band or just below the bottom of scatter of failure
points, the nonfailure point would normally be treated as a failure in deriving the S-N
curve.

From numerous fatigue test results, presented in S-N diagrams as shown in Fig. 41.2,
it can be seen that an S-N curve which 1s practically horizontal for small and large values
of N and which has a point of inflexion at some thousands of load cycles would represent
the relation between load and life as found in fatigue tests.

To overcome the well known limitations of the graphical methods for determining S-N
curves, several attempts have been made to find general mathematical laws for the relation

between load and life, or at least to propose analytical expressions which may be fitted
to the S-N data with sufficient accuracy.

The requirements of such an equation depend on the fact that it is not intended to
reveal any physical laws regarding the properties of the specimen tested but that it is
wanted for design purpose. Consequently, it must be as simple to use as it is consistent
with its practical purpose. Any accuracy can be obtained by using an equation containing
a sufficient number of parameters. But every increase in this number makes the calcula-
tions more tedious and it is therefore a fair demand that the number of parameters should
be as small as is consistent with the requirements. The parameters of the S-N curve may
be arbitrarily chosen, but ‘it must be regarded as an advantage if the parameters have
some physical meaning, particularly if they can be determined by more rapid methods than
the fatigue test, e.g. the static strength S4-

For a representation of the whole field from N = 1 (static strength Sy) to N =«
(endurance limit S.,) at least four parameters are needed and the following formula, pro-
posed by WEIBULL (Ref. 41.5), is used:

8
S=5,+ (5, -8 o0 (LogN) (41.1)

0

Best estimates of the unknown constants Sy, S,, o and B are obtained in fitting the
Equation 41.1 of the S-N curve to the fatigue life data by applying the method of least
squares. As Equation 41.1 is nonlinear, a nonlinear regression algorithm must be used.

Due to the fact that the S-N curve is practically horizontal for small and large
values of N, the regression of S on log N is performed, i.e. the sum of squared deviations
in the vertical direction between the test data points and the best fitting curve is least.

The principle of least squares fit is shown in Figure 41.3.
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Fig. 41.3 Least squares fit

Applying the nonlinear regression analysis on the fatigue life data shown in Figure
41.2 leads to the following mean S-N curve:

0-0.022 (log M)%:72

2 41.2
S = 39 + 40 N/mm (41.2)

For engineering judgment the S-N curve according to Equation 41.2 is plotted together with
the corresponding fatigue test data in Figure 41.4.
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The minimum required fatigue life for all dynamic components of modern helicopters is
at least 5000 hours, leading to minimum load cycles of some 104 even for such components
which are loaded by start-stop cycles mainly. For representing the S-N curve in the range
N > 10°, a simplified formula can be drawn from Equation 41.1 by setting 8 = 1 which

leaves:

S =5 _+ B/N® (41.3)

(=]

Due to the simplicity of Equation 41.3 this formula can be found in all companies of
the helicopter community.

For comparison, the three parameter S-N curve from Equation 41.3 is also plotted in
Figure 41.4. Here a material constant of x = 1/6 for fibre composites was used and the
parameters So and B were found by regression analysis, using the fatigue data with N > 10
cycles, leading to the following equation:

5

6

S =34+ 116 / N/ N/mm? (41.4)
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High cycle fatigue data (N > 105) can generally be represented with sufficient accu-
racy by using the following material constants for x in Equation 41.3:

Material X
Steel 1/2
Light alloys 1/3
Fibre composites | 1/6

Table 41.1 S-N curve parameter x

If sufficient fatigue test data are available, i.e. at least six to ten specimens
evenly distributed between N = 1 and some 106 cycles, a best fit curve based on Equation
41.1 can be drawn through the test points, paying no attention to predetermined material
curve shapes. The advantage of this approach is that it treats the test data from a purely
statistical aspect and hence results in a mean curve with the lowest data scatter. Since
the number of full scale component specimens, necessary to establish this S-N relationship,
generally cannot be tested within the constraints of time and cost, characteristic curve
shapes or curve shape parameters, as e.g. shown in Table 41.1, for different materials
have been developed from small specimen data. This information can be used to establish
the complete S=-N curve from limited full scale test data.

This methodology is shown for the pitch link, used in the hypothetical fatigue life
problem of the American Helicopter Society (Ref. 41.6), with the fatigue data as shown
in Table 41.2.

Peak to Peak Mean Max. Stress Cycles to
1d-No. | ,sc.load (1b) | load (1b) | load (1b) | Ratio R | Failure N | Remarks
1 5800 450 3350 - 0.731 | 1.32 x 10° | a1l fai-
2 5000 450 2950 - 0.695 | 1.73 x 10° | lures
5 occurred
3 4500 450 2700 - 0.667 | 7.49 x 10 in the
4 4400 450 2650 - 0.660 | 2.48 x 10°% | threaded
6 section
5 4100 450 2500 - 0.640 | 3.34 x 10 of the
6 steel end
6 3800 450 2350 0.617 | 7.31 x 10 fittingl

Table 41.2 Fatigue test results on pitch link

Although the tests have been conducted with different stress ratios, this variation
is small and will therefore be neglected here.

As all specimens failed at numbers of cycles N > 105 and no test data between N = 1
and 10° are available, the simplified S-N curve shape according to Equation 41.3 is used.
Failures occurred in the steel end fitting, therefore the parameter x = 1/2 is chosen
and a regression analysis must be carried out to establish the parameters S, and B.

The sum of the squared deviations then is

=

1/2,2
i )

[{lack=]

. (8, - S, - B/N, , (41.5)

where the summation is taken over all the tested specimens n.

The values of S and B which minimise f have to satisfy the following normal equations

172 (41.6)
1 /Ny ’

[llae =]

n
0= ,L, 8 ~-n-+-S -8B
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n
1/2 _ 1/2 _ (41.7)
3f/3B S,/Ny S. ;L4 /Ny B 1/N4

1 i=1

Using the fatigue test results from Table 41.2 the following S-N curve shape is found

F = 2317 + 330530/N'/2 1pb (41.8)
max

which is plotted together with the fatigue test data in Figure 41.5 on an Fmax -logN basis.
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It is recognized that the curve shape according to Equation 41.8 becomes.quite steep
at low cycles and is not generally adequate for estimating damage in this region. Often,
encountered failures in this range fall below the steeply rising curve. The high- and low-
cycle range can be sufficiently represented by the four parameter S-N curve according to
Equation 41.1. If one or two low-cycle fracture points are additionally available, the
low-cycle portion of the mean curve will be established by a regression analysis completely
based on fatigue test results. If there are no additional data points, as in the hypothe-
tical pitch link example, and the static strength can be deduced from component descrip-
tion, a complete S-N curve between N = 1 and N = ®» can be found by using the static strength
and the high-cycle data points and matching the complete S-N curve as close as possible to
the simplified S-N curve.

For the hypothetical pitch link the information was given that the critical area is
the threaded section of the end fitting with a 0.5 inch diameter rod of 4340 steel, heat
treated to 150 000 psi, and with 20 threads per inch. From MIL-S-8879 A a stress area of
0.151 in? is found, leading to an ultimate strength of 22650 lb.

Applying the nonlinear regression analysis the following mean S-N curve is found

3.24
F .. = 2600 + (22650 - 2600) - e ©-02 (logN) = (41.9)
which is also plotted in Figure 41.5.
2% I I I
\\\\\<T//EOUAUON w9
@, 20 N
§ \\\\\V//EOUAHON A
gxe Y
= \
3
=2 N
\
8.
N
N
4 \\\
St SN S
0.
0 1 2 3 3 5 6 7 LGN ¢
Fig. 41.5 Fatigue test data and S~N curves of a hypothetical pitch link

Test levels in terms of load rather than stress should be used for full-scale compo-
nent specimens. However, it is important to bear in mind that the characteristic curve
shapes or the curve shape parameters generally are derived from relevant small specimen
data in terms of stress versus cycles to fracture. Fitting these shapes to load versus
cycles data is only valid when stress is directly proportional to load and when similar
failure modes occur. In many designs this is in fact the case, but in a number of cases,
nonlinearity between stress and load affects the accuracy of this simplified load/cycles
approach.

Nonlinear stress/load relationships may be found, e.g. when alternative load paths
come into play, or when load is transferred due to distortion, or when load levels in
excess of assembly preloads are applied (Ref. 41.7).

When more than one failure mode is involved, it will be necessary to take a good
look at the physical factors. It is common practice to include all test data, but one has
to be careful if fretting is involved in some of the test failures. There is a possibility
that one mode of fracture especially exposed during accelerated fatigue testing may "mask"
the existence of a second, more critical mode of fracture. The hidden mode will not be
exposed, if tests at a low enough 1load level will not be conducted. Therefore test load
levels must be selected which cause fracture of the specimens over a wide range of cycles,

Since only six full-scale specimens typify the usual fatigue test program, it will
always be necessary to use S-N curve data from some other sources and to use actual data
to define the ordinate position only.
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4,1.2.2 Factors affecting fatigue strength

The S-~N curve shape is known to be affected considerably by a number of factors such
as material composition and heat treatment, type of loading as well as size, shape, sur-
face condition and environment of the test specimen. These factors must be kept constant
if large variations in results are to be avoided or at least they must be known and speci-
fied if the observed results are to be interpreted properly.

Material

Generally a material is sufficiently well defined by its chemical composition and
heat treatment. The composition directly affects the fatigue properties of a material,
since the nature and strength of the chemical bonds between the atoms govern the poten-
tial range over which the strength and ductility can be varied. Many attempts have been
made to correlate tensile strength, hardness and ductility with fatigue properties but
any such relationships must be considered quite approximate and applicable to only a very
limited range of conditions. In Reference 41.8 the following correlation formulae between

the ultimate tensile strength S, of steel and the endurance limit in rotating-bending
Sorp was found, not taking into account effects as, e.g. corrosion and notches:

For normalised carbon steels (Su = 340 - 700 N/mmz)

_ 2
Swyp = 0:454 S_ + & N/mm (41.10)

For heat-treated carbon steels (Su = 400 - 1300 N/mmz)

Swpp = 0515 S, - 24 N/mm? (41.11)

wrb
For heat-treated alloy steels (Su = 800 - 1300 N/mmz)

- 2
Swpp = 0-383 S + 94 N/mm (41.12)

For stainless steels (S_ = 500 - 1300 N/mm?)

S = 0.484 S, (41.13)

orb
A less definite correlation between Smrb and Su is given for aluminium-alloys:
For low and middle strength Al-alloys (Su < 350 N/mmz)

S = 0.4 Su (41.14)

©rb

For high strength Al-alloys (Su > 350 N/mm2)

_ 2
Soorb = 140 N/mm

For magnesium-alloy the following correlation is given:

Sepp = (0.30 = 0.50) 8_ < 150 N/mm? (41.15)

©rb

For titanium-alloy TiAl6V4, annealed, the following value can be found in handbooks:

- 2
Swyp = 550 N/mm

For unidirectional fibre composites with 60% fibre volume content the following
endurance limits have been established at MBB:

Bending fatigue of glass fibre composite (E-glass):

S, = 250 + 250 N/mm’

Shear fatigue of glass fibre composite (interlaminar shear):

- 2
Serrg = 22 + 17 N/mm
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Bending fatigue of carbon fibre composite (T300):

S, = 250 + 250 N/mm’

Shear fatigue of carbon fibre composite (interlaminar shear):

- 2
S ILs = 15 + 15 N/mm

There are features of a material, not reflected by the ultimate tensile strength,
that may have a large influence on its fatigue resistance.

Most difficulties in relating fatigue properties to the usual mechanical properties
are encountered in the long life region with metals that have low ductilities. This
happens because fatigue is governed by the "weakest link" in the material, where crack-
initiation starts. Local zones of weakness can be flaws between grains, inclusions, and
inhomogeneities. It is impractical to completely eliminate such defects or to completely
describe their quantitative influence when they govern fatigue resistance. The state of
the art is such that it is necessary to determine this quantitative influence by fatigue
tests involving the materials, processes, and shapes in question (Ref. 41.9).

Loading

The simplest type of stressing is obtained by subjecting the specimen to a reversed,
tension-compression load. The stress within a smooth, unnotched specimen, is then uni-
axial and uniformly distributed over the volume ,

A very easy and therefore widely used test for determining the fatigue properties at
completely reversed stress cycles is the rotating-bending test. The state of stress
(normal stress) is the same as in reversed tension-compression but the stress distribution
is different. Since most fatigue failures originate at the surface or slightly below,
little difference between rotating-bending and axial tests generally should be expected
and may be taken as the reference to which the other types may be compared.

In alternating bending the state of stress is the same as that obtained by axial
load but the stress distribution is different. If these two types of stressing are com-
pared on the basis of the maximum stress in the specimens, it is generally found that
the fatigue strength is higher in bending than under axial load.

The torsion test provides the easiest way of producing a biaxial state of stress.
The stress distribution is identical with that obtained in a rotating-bending test, and
for this reason the comparison between the results from these two types of test offers
an excellent way of studying the influence of the normal complementary stress.

Based on the maximum-distortion-energy theory the following relationship is found
between the endurance limits of alternating torsion and rotating-bending:

Swat = Swrp/’3 (41.16)

Components of circular cross section often are subjected to combined bending and

torsion. In Reference 41.10 the following equation for design of parts subject to combi-
ned stresses can be found:

worb

~
I
-

g (41.17)
~at ©rb ~at orb wat

Equation 41.17 is an empirically derived equation of an elliptical arc which best
fits test data.

In the above equation, the alternating stresses Sy, and S; are nominal values of
stress; they do not include the stress concentration factor. To establish the endurance
limit in bending, divide the endurance limit for K¢ = 1 by the appropriate stress con-
centration factor for the particular type of concentration. Having thus determined the
bending endurance limit, the torsional endurance limit is determined by Equation 41.16.
Thus, with both bending and torsional endurance limits established, the elliptical arc
equation can be applied and the margin of safety determined graphically as shown in
Figure 41.6.
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Figure 41.6 Fatigue failure of a circular cross section under combined bending

and torsion

If the part to be analyzed is not circular, then the following procedure is recom-
mended in Reference 41.10.

Fatigue under combined normal (bending or tension) and torsional stresses:

/2 2
S, + 3 8L -1 (41.18)

M.S. =S,/

Geometry

Geometry factors which influence fatigue resistance include the overall size and
shape as well as the size and shape of notches.

The size effect has several causes, one being the corresponding change of the stress
gradient with the specimen diameter. In larger shafts the stresses-decrease from maximum
on the surface to zero at the neutral line is slower and the material layer subjected to
high stresses is thicker. This results in a decrease of the endurance limit with increa-
sing specimen diameter, but should not exceed 20%.

The endurance limit of specimens with square or rectangular cross~section is repor-
ted to be somewhat smaller than in the case of a standard circular cross~section, because
of the stronger effect of the surface at the corners.

The endurance limit of a specimen cut transversely to the rolling or forging direc=-
tion is smaller than for a longitudinal specimen. The anisotropy of the fatigue properties
is connected with the longitudinal orientation of inclusions and other microstructure de-
fects and is more evident for high strength and brittle materials.

As fatigue fractures initiate at some location where the peak stress exceeds the
fatigue strength of the material for the stress ratio and number of cycles under consi-
deration, the peak stresses govern the life of the assembly. When the peak stress is with-
in the elastic range and when for the geometry of the part the theoretical stress concen=-
tration factor has been established by analytical or experimental methods, it is relati-
vely easy to calculate the peak stress. Stress concentration is always present in cases
of cross-sectional changes such as notches, grooves, fillets, holes, corners, undercuts,
cut outs, etc., but it is also found in unsymmetrical and eccentrically loaded parts that
must necessarily bend with each application of load. In some cases two or more stress con-
centration features are superimposed, for example, when fabrication marks are superimposed
on holes or re-entrant corners; punched rivet holes with rough surface on the inside and
lubrication holes in highly stressed areas are other examples.

In many cases the computed peak stresses are above the elastic range and some plastic
action takes place on the first cycle, influencing the actual fatigue strength. For this
reason the fatigue notch factor K¢ has been introduced, which is usually less than, but
never greater than K¢. Ky is defined as the ratio of the fatigue strength of a smooth
specimen to the fatigue strength of the notched specimen, both strengths taken at the same
number of cycles. If K¢ is not known, Ky may be used for analysis, but this may be con-
siderably conservative. On components not subject to fretting, K¢ is rarely greater than 3,
whereas fretting may create a higher Kf factor. Notch sensitivity is not a unique property
of a particular material but varies principally with type and severity of notch, state of
stress, size of specimen, and grain size in the region of the notch. Notch sensitivity is
defined as

(41.19)
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q = O indicates a material unaffected by a notch, while g = 1 indicates an actual fatigue
strength reduction equal to the calculated theoretical factor Kt'

From Equation 41.19 follows for the fatigue notch factor K¢

Ke =1+ (R, =1 - q, (41.20)

where the notch sensitivity factor g may be estimated from the following equation
(Ref. 41.8):

g =1/(1 + VE/RT (41.21)

with A

Material constant having the dimension of length and depending upon strength
and ductility (NEUBER constant)
R = Radius of the notch root.

Surface finish has a marked influence on fatigue strength of smooth specimens; the
smoother the surface, the higher the endurance limit of the specimen. In the presence of
all the usual stress raisers such as rivet holes, welds, and re-entrant corners, any bene-
ficial effects from extreme care in surface finish and freedom from minor blemishes are
completely overshadowed. In many cases, with different finishes intersecting S-N curves
have been observed.

Residual Stresses

Residual stresses have a similar effect on the fatigue behaviour of materials as do
mechanically imposed mean stresses of the same magnitude. Thus, the significant residual
stresses are beneficial if compressive and detrimental if tensile particularly in materials
that have been hardened by working or by heat treatment.

Near the endurance limit the residual stresses remain practically unchanged by the
fatigue loading. At stresses above the endurance limit, residual stresses may relax as an
accompaniment of the fatigue process, this effect being greater in materials that have
been annealed or softened and at stresses well above the endurance limit.

A very effective method of generating compressive residual stresses in the surface
layers is cold working, by means of shot peening, localized cold rolling, hammering, hole
calibration etc. In all these cases, cold working generates in the surface layers high
compressive residual stresses, which are in equilibrium with low tensile residual stresses
distributed in the large cross-section below the cold worked layer. There is no question
of the beneficial effects of such treatments when properly carried out, but care should
always be taken to avoid an excessive amount of such localized cold working. If the opera-
tion had been carried too far, incipient fractures may result. Another commonly used
technological means, which increases surface hardness and generates strong compressive
residual stresses in the steel surface layer, is carburizing or nitriding.

Chromium or nickel plating results in reduced fatigue strength of quenched steel
parts, because of detrimental residual tensile stresses in the surface layer. Similarly
aircraft Alclad sheets have inferior fatigue properties than similar unclad sheets.

Heat treated steel parts with nonmachined surfaces after thermal treatment contain a
layer decarburized during the heat treatment, which has lower microhardness than the core
and is subjected to detrimental tensile residual stresses. A very effective means of over-
coming the effect of decarburizing are all methods of cold working.

Welding also generates detrimental tensile residual stresses, and this is one of the
reasons why welded joints have a low fatigue strength. However, it is known that machining
of the welds improves the fatigue strength of the joint.

It must not be forgotten that most metal products have some degree of residual stres-
ses over which the designer has no control. These initial residual stresses come about by
virtue of operations performed by the material producer. Each subsequent operation merely
modifies the residual stresses already present so that without a special investigation it
is impossible to evaluate accurately the final residual stress resulting after any speci=-
fic operation performed on a given piece of metal.

Environment

The environment is defined by the temperature and the surrounding medium, which may
consist of inert or chemically aggressive gases or liquids.

A particular type of environmental effects is obtained by fretting corrosion. Radia-
tion may in some cases be of influence; for example, plastics and rubber may be affected
by sunlight or heat radiation.

The tendency for practically all materials at room temperature is that the fatigue
strength declines with increasing temperature. The slope of the curve relating fatigue
strength to temperature is exceptionally large for titanium and aluminium up to 400%C.
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In general, fatigue acting jointly with corrosion behaves as an intensified form of
fatigue.

Fretting corrosion is a frequent occurrence in engineering practice, when two sur-
faces touch and there is relative motion. A simple example of fretting is the case of a
cyclically .loaded bolt in a hole. The part will fret at the hole and its allowable stress
is reduced. If the hole is opened up and a bushing pressed in, it might seem that the
fretting should only occur between the bolt and the bushing. This is not the case. Small
elastic deflections will still permit relative motion between the bushing and the part,
hence, fretting will occur. It can be stated that the degree of fretting is less and the
fatigue strength is usually higher with the bushing. The degree of improvement, if any,
depends upon the material, size, interference fit, and load conditions.

4.1.2.3 The effect of mean load on fatigue strength

Many helicopter components are subjected to mean loads with alternating loads super-
imposed upon them. Thus the mean stress-alternating stress relation is important. Fatigue
test data are usually plotted with alternating stress as ordinate and mean stress as
abscissa.

Such diagrams indicate that the allowable alternating stress decreases with increa-
sing tensile mean stress.

Owing to the infinity of combinations of mean and alternating stress and the enormous
amount of experimental work required to obtain fatigue behaviour over a comprehensive
range of alternating and mean stress values, various equations have been proposed to pre-
dict generalized S - S, behaviour. The well known expressions devised by GOODMAN , GERBER,
and SODERBERG were intended to represent the endurance limit as a function of mean stress;
of these the GERBER parabola and the modified GOODMAN straight - line relationships are
probably the most widely used and may be summarised by the following equation:

Sm (e
Saoom = Sa°°o (1 - (5—) ] bt
u
where:
Saoom = stress amplitude of the endurance limit
at mean stress S_ £ o0
Saooo = stress amplitude of the endurance limit
at mean stress Sm =0
¢ = 1 for the modified GOODMAN 1line
¢ = 2 for the GERBER parabola

Other degrees of convexity may be obtained by using
other values of c.

The modified GOODMAN diagram, as shown in Figure 41.7, is commonly used in industry
and is constructed from laboratory test data for a particular part. The straight line is
conservative for most materials and surface conditions because it is drawn between the
ultimate stress for the material and the alternating stress endurance limit for a zero
mean stress.

ALTERMATING STRESS

2 MEAN STRESS

Fig. 41.7 Modified GOODMAN diagram
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With Equation 41.22 it is possible to compute a value of the endurance limit at any
mean stress if at least one endurance limit is available and the value ¢ is known. How-
ever, any inherent errors in the endurance limit at a given mean stress result in pro-
portionately larger errors when used to compute endurance limits at lower values of mean
stress; conversely, proportionately smaller errors are obtained when used to compute
values at higher mean stresses.

Thus, in order not to introduce additional errors in the predictions obtained by
using Equation 41.22 requires that a value of the endurance limit be available at the
lowest value of mean stress of the range of mean stresses in which predictions are to
be made.

Since there are generally more data on fatigue at various mean stresses for unnotched
than notched specimens, it is very useful to have a method for predicting the effect of
mean stress for notched specimens from unnotched data. The simplest approach, when con-
sidering Equation 41,22, is to divide the ordinate and abscissa by the theoretical stress
concentration factor K¢, which leads to the following equation (Ref. 41.11)

- Saooo [1- (£ m
asmK Kt S

(41.23)

In order to analytically evaluate the effects of mean load or stress ratio on fatigue,
based on Equation 41.22 but without a predetermined value of ¢, it is necessary that data
for a particular material and notch condition be available for at least three stress
ratios.

In many cases the GOODMAN straight-line relationship can be regarded as sufficient
for the mean stress correction. If the fatigue data are based on constant stress ratios
instead of constant mean stress, the GOODMAN straight-line can be written as

S
, Sawo | 14 R
Sawm - sawo/ [T+ Su 1T - R] (41.24)

To compute a value of the endurance limit at any stress ratio R,, if the endurance
limit at a stress ratio Rq is available, the following equation can %e derived from
Equation 41.24:

Sa°°R1 1+ R2 1 + R1
Sqwr. = Saeg. / L1+ (3= o=
a R2 a R1 Su 1 R2 1 R1

)3 (41.25)

4.1.2.4 Reduction factors

To obtain representative results from fatigue testing, a large number of test speci-
mens i1s desirable in establishing each S-N curve.

While the more the better is the obvious desire of the fatigue evaluation engineer,
in practice the number of specimens is always limited, as most manufacturers cannot afford
the cost and time necessary to obtain such accuracy. Therefore the mean fatigue strength
of the component is defined with a relatively small number of specimens by fitting an

established S-N curve shape to the data or by conducting a regression analysis as shown
in Section 4.1.2.1.

In order to account for normal scatter in fatigue, the mean curve should be reduced
by an appropriate reduction factor to define a working S-N curve or to establish an S-N-P
diagram. This factor should be based on the type of material being tested, past service
experience with the material, and type of design (Ref. 41.12). It should include consi~-
deration of the number of specimens tested, the variability of the fatigue results and
should be selected to assure that the probability of failure is extremely remote. Where
new materials or designs are being evaluated, it is recommended that a larger reduction
factor be used until additional test data justifying a change are available.

In helicopter industry, the reduction factor normally is applied to the stress axis,
but in the region N < 105 cycles life reduction factors sometimes are used by the compa-

nies. These factors are based on the number of specimens, similar to the method used in
the fixed wing industry.

Although significant differences in the application of reduction factors exist be-
tween the helicopter manufacturers, the following common procedure can be found:

- It is assumed that the distribution of deviations in fatigue strength from the
average S5-N curve is independent of the number of cycles, which is the assumption
of homoscedasticity (Ref. 41.13).
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- All failure points, used to derive the mean S-N curve, are projected to a given
number of cycles through the use of the appropriately shaped S-N curve, as shown
in Figure 41.8.

\ MEAN CURVE
2 i
@ \
= FAILURE POINTS
@ ~ PROJECTED DATA POINTS
=
g \\
< -
— -
5 \
5 - -—NORMAL DISTRIBUTION
] ~— OF PROCESSED DATA
~—— POINTS
RUNOUT
NUMBER OF CYCLES
Fig. 41.8 Extrapolation of data for statistical analysis

- The extrapolation is usually carried out to 10 million cycles for ferrous materials
and 50 million cycles for nonferrous materials. In some cases extrapolation to 100
million cycles can be found. Due to the above assumption, the extrapolation can be
made to any number of cycles convenient, without changing the results. When a four
parameter S-N curve according to Equation 471.1 is used, the failure points may well
be projected to N = 1.

- From the extrapolated data points the mean and standard deviation are calculated for
the log normal probability distribution function according to the following equations:

_ ¥ {(log Si)
log 8§ = ——(F—— (41.26)
—_— 2'
% (log Si - log s)
g = (41.27)

n -1
where:
§ = mean fatigue strength at extrapolated number of cycles
S, = fatigue strength of individual specimen at extrapolated

+ number of cycles
n = number of specimens
¢ = standard deviation

Some manufacturers assume a normal distribution of the fatigue strength with the
following eguations for S and o:

LS.
§ = —% (41.28)

VAR SN 41.29
& = ( )

and the coefficient of variation

VvV = 0/§ (41.30)
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- As the sample size of most component fatigue tests is totally inadequate to pro-
vide a meaningful measure of population variability, some companies use reduc-
tion factors based on coupon data.

Coefficientsof variation of .05 for steels and .07 for aluminium are reported in
Reference 41.14 for coupon data. According to the approximate relationship of
Equation 41.45 these coefficients of variation correspond to standard deviations
of .022 for steels and .032 for aluminium. At MBB a minimum standard deviation

of .025 has been assessed for all materials.

Sometimes the coupon variability is increased to account for variations in stress
concentration factors, steady stress and other variables that are expected to in-
fluence the full-scale population variation.

In Reference 41.15 a standard deviation on rotor blades has been assessed to appro-
ximately .045 for steels and .06 for light alloys, and these values have been ex-
tended to all the aircraft parts.

- Once the proper standard deviation or coefficient of variation is selected for the
type of specimen under consideration, the variation of the mean fatigue strength
can be determined.
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Fig. 41.9 Variation of the mean (Ref. 41.16)

Figure 41.9 depicts the variation that can exist for the mean fatigue strength §F,
when only limited tests are available. A frequency distribution curve can be drawn
so that P, per cent of all specimens tested would fall below the mean fatigue
strength. The actual mean corresponding to this distribution would lie at §L' A
similar distribution can be drawn representing the upper limit conditions at §u-
Analytical expressions representing these conditions are as follows:

For a log-normal distribution:

- -2 .
log SL = log SF = %in (41.31)
or 5
F a'
log — = — * @ (41.32)
= Ln
5., vn
thus
s —-at /vy
5,/8, =2/'n (41.33)
where € = antilog GLn
For a normal distribution:
= = a' = a' =
8§, =5, -= +0 =5 -2.vV -3 (41.34)
L F v n F v L
thus
- — 1
S./8, =1/ +2% - (41.35)
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The next item under consideration is the determination of the design fatigue limit
Sp, which characterizes the working S-N curve for a given survival rate Pg.

For a log-normal distribution:

log SD = log SL -a s op, (41.36)
oxr §L
log g =a " o, (41.37)
D
thus
= _ .-a 4
SD/SL € (41.38)

By substitution of §L from Equation 41.33

5 - elatal/im 41.39
Sy, = Sp " € ( )
For a normal distribution:
SD = SL -a-o, (41.40)
where Gn =V - SL
then SD = SL (1 - av) (41.41)
By substitution of §L from Equation 41.35
Sy = 8y - 1-av (41.42)
b 1+ a'v/vn
Statistical based reduction factors thus are defined as follows:
For log-normal distribution:
_ _~(a + a'/Vn)
r =g
Ln (41.43)
For normal distribution:
r =1 -av (41.44)
n 1+ a'v/vn

values of a' and a can be obtained from any statistics handbooks. Between the
standard deviation oy, and the coefficient of variation V the following approximate
relationship can be used (Ref. 41.16):

_ il
Orn = log (T_:—V) (41.45)

Reduction factors are mostly based on a survival rate of P_ = 99.9% and a confidence
level of P, = 95%, but a reduction of three standard deviations also can be found
very often. However, a minimum reduction of 25% for aluminium and magnesium parts
and 20% for steel and titanium parts often is used when these values exceed the
three standard deviation values.

When the number of test specimens is less than four, the following reduction fac-
tors are proposed similar to the method in Reference 41.17, if this results in a
lower working curve:

number of test specimens 1 2 3

reduction factor 1/2 2/3¢{ 3/4

where the reduction factor is to be applied to the lowest test result.
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Example
Using the results of the hypothetical pitch link, shown in Section 4.1.2.1, and

projecting the failure points to N = 1, leads to the following equation to determine
the strength of the individual specimens at N = 1:

8
S (N=1) = Sy * S;/IS, + (S, = 5) - o0 (1ogNy) ™y (41.46)

From Equation 41.9 the following values are found:

S, = 22 650 1lbs
§, = 2 600 lbs
@ = 0.02
8 = 3.24

Using the individual fatigue test results from Table 41.2, the processed data shown
in Table 41.3 are derived.

Id.~No. Max. Cycles to Processed
load (1b) Failure Load (1b)

1 3 350 1.32 x 10° 25 791

2 2 950 1.73 x 10° 23 439

3 2 700 7.49 x 10° 23 209

4 2 650 2.48 x 10° 23 044

5 2 500 3.32 x 10° 21 757

6 2 350 7.31 x 10° 20 468

Table 41.3 Processed data points on pitch link

According to Equations 41.26 and 41.27 the following standard deviation is calcu-
lated from the processed data:

Orn = 0.034

which leads to a scatter factor of

€ = antilog Otn = 1.08.

From this a statistical based reduction factor of rp, = 0.75 is calculated from
Equation 41.43 with a = 3.09, according to a onesided distribution for a survival rate of
99.9%, and a' = 1.645, according to a onesided distribution for a confidence level of 95%
(Ref. 41.18).

With this reduction factor the working S-N curve is found from Equation 41.9 to be:

JoZl g (41.47)

_ _ . .—0.02(logN)
Frax = 1950 + (16988 1950) e
In Figure 41.10 this working curve is plotted together with the fatigue test data
and the mean S-N curve.
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Fig. 41.10 Mean and working S-N curves of a hypothetical pitch link
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4.2.1 CRACK PROPAGATION

4.2.1.1 Introduction

The process of failure due to fatigue damage generally evolves through the following

phases, namely: - the nucleation of numerous microcracks; - the coalescence of microcracks
to one or more dominant macrocrack; - the stable propagation of the dominant macrocracks
by fatigue loading; - unstable propagation and immediate final failure.

Each fatigue process always evolves through the steps indicated above and depicted
in Fig. 4.2-1, even if certain phases might not even be present or so clearly defined.More-
over, the boundaries between these phases are difficult to establish and some kind of
engineering judgment is necessary in order to make the proper distinction. Nevertheless,
the failure process depicted in Fig. 4.2-1 is a suitable reference frame for the purpose
of the present chapter, #imed at presenting the crack propagation phase.

To be more detailed, the chapter contains a general analysis of the stable crack
growth phenomenon due to fatigue loading from the initial to the final dimension, and ca-
ses of constant and variable amplitude loading are considered.

The question of initial dimension of the crack, which may be nucleated or may be pres
ent in the structures as a consequence of the manufacturing process, is beyond the scope
of this presentation and can be established in the general context of the particular de-
sign, namely on the basis of the accuracy of the N.D.I. methods used; the methodologies
by means of which the initial dimension is established are discussed in another chapter
of this manual.

The final dimension of the crack is generally a fixed fraction of the critical dimen
sion at which unstable propagation occurs.

This problem is examined in sec. 4.2.3, where the methodologies for assessing the
critical crack dimension are also discussed.

4.2.1.2 Crack propagation under constant amplitude loading

The growth of a crack under constant amplitude loading may be characterized by a suit
able relationship between the crack growth rate, (da/dn), and the stress intensity fac-
tor, K.

Consider, first, a through crack in a plate. Fig. 4.2-2 shows the stress state in the
neighbourhood of the crack tip in the idealized case of small deformations and pure elas-
tic behaviour. The stress intensity factor, K, completely defines such a state of stress
in a region which is small in relation to the half-crack length, (r/a<<1)}. K depends on
the crack length and the boundary conditions; it varies linearly with the applied load.
The stress intensity factor can, therefore, be evaluated within the framework of the theo
ry of linear elasticity. The general methods for computing K are well known and are dis-
cussed in several books, of which Ref. 1,2 can be quoted. A useful collection of K solu-
tions is presented in Ref. 3.

Fig. 4.2-3 shows a typical relationship between (da/dn) and AK, namely the variation
of K associated with the load excursion AP between the maximum and the minimum value, P
being a reference load proportional to any other applied load. Results such as those shown
in Fig. 4.2-3 are obtained following the sketches in Fig. 4.2-4, by calculating (da/dn) by
numerical derivation from the test data, (a-n), by computing K by a suitable theoretical
approach, and by obtaining AK on the basis of the load excursion AP.

The existence of a functional relationship between (da/dn), AK and R, the so-called
K-rate relationship, namely (da/dn)=F(AK,R),is the key point in any approach for analyz-
ing the phenomenon of crack growth under constant amplitude loading. Knowledge of function
F allows engineers to compute (da/dn) and, by integration, the crack length reached after
a given number of cycles, once the stress intensity factor relevant to the structure under
investigation has been obtained.

Function F must be selected to fit the typical sigmoidal shape displayed by the
K-rate relationship on a log-log plot, as in the curve in Fig. 4.2-3. In this curve, the
lower asymptote is associated with a threshold in crack growth, namely (da/dn)#0 only if
AK is higher than a threshold value AKgp. The upper asymptote allows for the rapid increase
in (da/dn) for crack length near to the critical one (*). The central part of the plot,
which is linear in a log-log plot, indicates a power relation between (da/dn) and AK.

The process of defining F is essentially empirical and is based on the selection of
analytical expressions that suitably comply with part or all the sigmoidal shape. Several
analytical expressions are currently available for function F. The one proposed by Paris,
when he and his coauthors first pointed out the existence of a functional relationship
between (da/dn) and AK, is of the type:

da/an = C_ N (4.2-1)

(*}) For details on critical crack length see sec. 4.2.3.
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where Cp and m are constants. This relationship, known as the Paris law, complies only with
the linear part of the sigmoidal shape. As a consequence, the rate predicted near the
threshold is higher that the actual one, the opposite being true at the higher crack
lengths. Another limitation of this law arises from disregarding the dependence of the
crack rate on the stress ratio R. To overcome the abovementioned limitations other analyt
ical expressions have been utilized. In particular, Forman proposed:

n i = =1
da/dn = C_ AK" [(1-R) K, - K] (4.2-2)

in order to take into account the effect of the R parameter and the rapid increase in the
rate for Kpax near the critical value of the stress intensity factor, K.
Collipriest proposed: — > oy
l|_KKK -R
°9 c th/ max ClRIT
K
log(Kth/ C)

The empirical constants in (4.2-1,2,3) namely CP' m, Cp, n, Cq, Cy, s, depend on the
material and environment, and must be assessed by means of crack growth test data and
numerical procedures of best-fit, as explained in a later section. K and Kth are two
important parameters which define the behaviour of a growing crack in the high rate region
and in the very low rate region, respectively. Ks represents "fracture toughness" and is,
within the limits explained in sec. 4.2.3, a material constant. Knowledge of this allows
engineers to calculate the critical crack length in a structure within the frame of Linear
Elastic Fracture Mechanics as explained in sec. 4.2.3. K¢n is the threshold value of the
stress intensity factor, the knowledge of which is very important for predicting the
growth of small cracks. App. 4.2.A provides further remarks on this quantity.

Finally, another significant law is based on Elber's model of fatigue crack growth.
This limits itself to the linear range of the log-log plot, but is nevertheless important
for its basic idea, which provides a convincing explanation of the R effect under constant
as well as under variable amplitude loading. Elber (Ref. 5,6), observed that, as a con-
sequence of the residual compressive stresses due to the plastic wake behind the crack,
a crack is closed not only in the case of compressive loads but also in that of low tensile
loads. The crack opens only when the average tensile stress in the uncracked region
reaches a particular value called opening stress, Oop-.

Elber supposes a crack grows only when the average tensile stress is greater than
Oop; therefore the crack grows under the action of an effective AKeff = Kmax - Kop. Then
Elber utilizes the Paris law but with the effective AKeff, so that:

r

ff) (4.2-4)

By adopting this hypothesis the Elber approach explains the R effect; in fact for
the same nominal value of AK, the greater the value of R, the greater the value AKgfg.

Relationship (4.2-4) can be modified in order to make the dependence of (da/dn) on R
explicit in the form:

da/an = c_ [U(R)-8K]" (4.2-4")

log (da/dn) = C1 + C2 tangh_ (4.2-3)

da/dn = CE (AKe

which implies Kop = £(R) AK. In this case, also U(R) and the constants Cg and r must be
assessed from experimental results.

From the point of view of application, Elber's law is not unlike the previous semi-
empirical laws, but, because of the principles on which it is based, this approach is
useful for the interpretation and prediction of the crack growth phenomena under variable
amplitude loading.

So far, the effect of the structure thickness has not been taken into account and
the phenomenon has been considered as a two-dimensional problem. There is a difference,
however, between the free surface, where a state of plane stress exists, and the inside
where there is a state of plain strain. The two states produce plastic zones of different
sizes, the larger of these being the one relevant to plain stress. According to Elber's
model, therefore, the plastic deformations in the crack wake are greater .in the case of
plain stress with the result that the crack growth rate is reduced. This explains why the
crack growth rate increases as the thickness increases, since the plane stress zone
decreases in relation to the full thickness, Fig. 4.2-5.

Finally, the constants of the semiempirical laws must be regarded as being dependent
on the type of materials, environment (*) (including temperature and load frequency) and
thickness. It must be pointed out again that the expression "type of material” means the
specification of a number of characteristics, i.e. type of product, heat treatment, fiber
orientation, manufacturer and also batch. If these characteristics are sufficiently speci
fied, the scatter of experimental data is reduced to a certain extent. If, instead, all
the data relevant to the same nominal material is grouped irrespectively of other specifica
tions, the scatter band may be very wide (Ref. 7).

(*) A detailed assessment of environment effects and some relevant design data are given
in Ref. 44, 45, 46.
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So far the problem of crack propagation has been restricted to the case of through
cracks. The same empirical laws can be utilized to predict the growth of a three-dimen-
sional crack, often referred to as flaw. Several types of the flaws of technical interest
are shown in the TFig. 4.2-6. With these types of cracks, the stress intensity factor va-
ries along the crack border. In the case of semicircular crack or circular embedded cracks
(often called penny shaped cracks) the application of the crack propagation laws is
straight-forward, because it is sufficient to calculate how the radius increases with the
number of load cycles. In the case of semielliptical or embedded elliptical cracks, the
stress intensity factor varies along the border, so that a change of shape can take place
during the propagation. The problem of the evaluation of the stress intensity factor in
flaw with elliptical shape is discussed in sec. 4.2.3. The results presented in that sec-
tion together with the laws presented in this section allow us to calculate the growth of
a flaw under constant amplitude loading in several cases of practical interest.

4.2.1.3 Crack propagation under variable amplitude loading

Analysis and prediction of crack growth under variable amplitude loading is a complex
and difficult problem. The new factor, in comparison with the constant amplitude case, is
the interaction effect arising from the subsequent loading cycles of different amplitudes.

An early, but significant, description of the interaction effects was given by J.
Schijve (Ref. 8). If a peak load is introduced in a constant amplitude loading, Fig. 4.2-7,
the result is a delay effect, i.e. the crack growth rate greatly decreases in comparison
with what happens in the case of constant amplitude loading without a peak load. The delay
effect is much less noticeable when the peak is followed by a valley of the same value. A
crack growth can also be stopped by an appropriate overload and, on the contrary, a crack
growth can be increased by an underload.

The interaction effects are even more intricate in the case of more complex load se
quences where rapid peak and valley variations are present. Comparative tests carried out
with the same load cumulative distribution but with different load sequences, clarify the
importance of these effects.

The explanation of the interaction effects that are responsible for the different
endurances shown in Fig. 4.2-8, has been identified in certain characteristics phenomena,
or rather, in a combination of these.

. Residual stresses. At the crack tip, a plastic zone is formed under load, the extent of
which depends on the K., value. Upon load release, the elastic part of material presses
on the plastic zone and compressive residual stresses build-up at the crack tip. In the
case of variable amplitude loading residual stresses modify the stress ratio and, if
sufficiently high, also the stress amplitude at the crack tip.

. Crack closure. As far as Elber's model of crack growth is concerned, test data shows
that Yop depends on the applied load in a non linear manner. As a result of such non-
linearity, in the case of variable amplitude loading the effective LReogg follows a dif-
ferent pattern in comparison with the applied load. Fig. 4.2-9 showing a typical varia-
tion of AK and AKeff in the case of two load levels, clarifies the role of crack opening
in the interaction effects.

Incompatibility of crack front orientation. Shijve, (Ref. 10), suggested that the inter
action effect between two cycles of different amplitude may also be ascribed to the in-
compatibility of the crack front orientation; one orientation is perpendicular to load
direction for low K values, while the other forms a 45° angle with the load direction
for high K values.

. Blunting and sharpening of the crack tip. It is conceivable, and also demonstratable,
that high AK cycles blunt the crack tip whereas low AK cycles sharpen it. Therefore the
damage produced by a load cycle depends upon the geometry of the blunted or sharpened
crack tip and then on the amplitude level of previous cycles. Other possible explanations
of the interaction effects have been proposed, e.g. strain hardening history at crack
tip, but none of them seems to be able to take completely into account each interaction
effect. Probably, a lot of these elements contribute to a certain degree to the inter-
action effects. Nevertheless, Elber's model and the model which takes residual stresses
at crack tip into account seem to be more effective and to be grounded on a more solid
basis. Indeed, they have been used as a basis for developing computational models for
the evaluation of crack growth in variable amplitude loading.

4.2.1.4 Models for crack growth evaluation in variable amplitude loading

Several models have been proposed for the evaluation of crack growth in structures
subjected to variable amplitude loading. The models are generally based on simple as-
sumptions deduced from the observations discussed previously. As the phenomena produced
by interaction effects are very complicated, the models cannot give accurate results in
all situations. Each of them is satisfactorily accurate for the cases where the partic-
ular aspect of the interaction phenomenon contemplated in the model is dominant, but no
general application is possible.
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The most important models and their range of application are dealt with in the fol-
lowing paragraphs.

. The non interactive model. The model is based on the hypothesis that each load cycle
extends the crack of the same degree as that produced by the load cycle in the case of
constant amplitude loading. The necessary information is provided by the K-rate relation
ship and crack growth is calculated by a cycle-by-cycle procedure. The method is simpié
to apply, as it does not take interaction effects into account. It predicts the crack
growth with acceptable accuracy only in the case of loading sequences characterized by
smooth variation in the subsequent load cycles. The method is generally conservative as
the retardation effects predominate over the acceleration effects in aircraft spectra.
In certain cases, as for fighter aircraft, where the load sequence contains several high
tensile peaks, the results are by far conservative; in other cases, as for narrow band
Gaussian sequences, the results are fairly accurate.

. The Wheeler model. To take into account the interaction effect due to overloads, Wheeler,
(Ref. 11), suggested the application of a corrective factor to the crack growth rate,
which is obtained by a K-rate relationship (Paris, Forman, or other). The corrective
factor is given as:

C

(r /la +r -an" r <
w pi o po i

pi rpo
(4.2-5)

c =1 r .>r

w pi— po
where, in Fig. 4.2-10, a; is the crack dimension when the load cycle i-th is applied, Tpi
is the size of the plastic zone produced by the load in guestion, r,, is that of the
plastic zone generated by the overload applied to the crack dimension a,. The plastic
zone dimension is calculated by means of the formula r, = 1/C(K2/o2 (*) discussed in
sec. 4.2.3. m is an empirical constant which is determined by means of the fit between
specific experimental data and the results from the model. The basic shortcoming of
Wheeler's model is the empirical character of the constant m which is highly dependent
on the kind of material, on the loading spectrum and probably on the geometry too.
Therefore the application of the Wheeler model is restricted to the material and the
loading spectrum which is identical or very similar to the ones for which m was obtain-
ed. The procedure for applying the model is very simple and the calculations are to be
made cycle-by-cycle.

. The Willenborg model. In the model proposed by Willenborg, (Ref. 12), the delay effects
in crack growth are ascribed to the influence of the compressive residual stresses.
These stresses are computed by following the highly simplified approach outlined in
Fig. 4.2-11 which is still based on the utilization of an idealized plastic zone. The
residual stresses are utilized to compute the stress intensity factor by means of an
effective stress equal to the difference between the nominal and the residual stress.
The method does not rely on any empirical coefficient. The model, at least in its orig-
inal formulation, does not allow for the acceleration effects due to negative peak
loads and consequently produces unconservative results when dealing with those spectra
with significant compressive peak loads. On the contrary it is likely to work accurately
with a flight-by-flight type of loading with a randomized distribution of loads and
only few not significant compressive loads.

. Models based on the crack opening concept. The application of Elber's model to variable
amplitude loading relies on the evaluation of the crack opening stress which is obvi-
ously variable throughout the stress history.

Bell and Eidinoff, (Ref. 13}, proposed to evaluate the AK.¢¢ by means of certain empirical
functions which described the acceleration and retardation behaviour of the material
under representative, very short, variable amplitude spectra. The model does, indeed,
give accurate results in comparison with experimental data, but this data is not suf-
ficient for a reliable evaluation of its accuracy. In any case, the model is difficult
to apply because of the large number of empirical constants involved.

Fliihring and Seeger (Ref. 14,15), on the other hand, devised a method which does not re-
quire the determination of any other empirical data besides the usual semiempirical law
of crack growth and mechanical constants. The Jop is calculated analytically by an im-
proved Dugdale model at the crack tip. The calculation is guite quick and the first com
parisons have already been encouraging. Further extensive checks have to be carried out,
however ,before it is possible to draw general conclusions.

Newman (Ref. 16) also proposed a very general, solely analytical procedure for calculat
ing %op by using the finite-element method. A satisfactory level of agreement exists

(*) C is taken equal to (2n) for plain stress condition and (4/27) for plain strain con-
dition.
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between the theoretical and experimental data, but, since it is very time-consuming,
the method is impracticable for application and its use must be restricted to checking
the results obtained by more simple methods.

De Koning and van der Linden, (Ref. 17), propose a model for the prediction of growth
rates of fatigue cracks in aluminium alloys subjected to spectrum loading, which is bas
ed on an approximate and simple description of the crack opening behaviour. The pre-
dictions obtained with this model match fairly well the experimental data and so the
model seems to be very promising, though further development is still required.

4.2.1.5 Utilization of crack growth prediction methods for design purpose

One of the main problems in designing structural components within the framework of
damage tolerance requirements is the evaluation of the flight-~time a crack takes to grow
to a certain dimension.

In the case of constant amplitude loading the task can be fulfilled by an integration
of the K-rate relationship da/dn = £(AK) to obtain the number of cycles N necessary to
grow a crack from aj;, the initial crack length, to af the final crack length, namely:

(a¢
N = | 7 da/f(AK) (4.2~6)

)ai
To carry out the integration, it is at first necessary to select an appropriate analytical
expression for f(AK). The choice can be made on the basis of the initial and final crack
length, a; and ag respectively. If the interval of integration (aj,ag) belongs to the lin
ear portion of the K-rate relationship in the log-log plot, see Fig. 4.2-3, a power law,
that proposed by Paris for example, is the best choice, since the analytical expression
is simple to handle and only two empirical constants may be introduced. On the contrary,
if the initial crack length is in the threshold range and/or the final crack length is
near the critical one,it is necessary to resort to more complicate expressions which
better describe the sigmoidal shape of the K-rate relationship in the log-log plot.

A comment needs to be made as far as the selection of the empirical constants is
concerned. Crack propagation is typically a random phenomenon and therefore the empirical
constants can be selected only on a statistical basis. The procedure by which this choice
can be performed is discussed in section 4.2.2. Here attention is focused on the conse-
quences of the different choices in the prediction of crack growth time. The scatter in
da/dn deduced from a-n experimental data stems from two main causes: the scatter around
the (da/dn)-AK best fit for each test and the differences among the best-fit curves per-
taining to various tests. The width of the scatter band is greatly reduced if the material
comes from the same batch, while it may become very large if data relevant to different
batches, manufacturers, test laboratories and so on are grouped together. The nature of
the scatter of a single test needs some specification. The crack propagation phenomenon
is not continuous but is jerky, and this trend may be magnified by the process of de-
rivation applied to (a-n) experimental data to obtain (da/dn)-AK data. Besides, the
measurements are subject to typical errors which are normally distributed around the
(da/dn) -AK best-fit curve. These causes produce a significant scatter which is greater
than that relevant to many specimens from the same batch. But, in fact, this can be con-
sidered to be an "apparent" scatter because it does not affect the number of cycles which
elapse in order to propagate the crack to a given length. During the propagation phenom-
enon in fact these fluctuations of the rate around the (da/dn)-AK best-fit curve cancel
each other out and so do not affect significantly the final result.

Coming back to the problem of selecting the empirical constants, the procedure gen-
erally adopted is to calculate them not from the relationship obtained by the best-fit
of experimental data which refers to 50% probability, but from the curve which includes
95% or 99% of the data. This approach is essentially accurate if the data is taken from
many specimens, and also from different sources; in this case, the apparent scatter around
each individual relationship is negligible in comparison with the scatter produced by the
specimen population. The opposite occurs when specific tests are carried out on a batch
of material which is the same as that used to build the component under investigation.
Here the use of 95% or 99% probability curves produces too conservative an estimate of
the life in the crack propagation phase. In this case, the empirical constants must be bas
ed on the best-fit curve and a safety level, based on the scatter relevant to experimental
a-n curves,must be used.

The next step before performing the integration is to find the expression of K
relevant to the component under examination. As pointed out before, this step can be
often accomplished utilizing existing solutions, published in the relevant literature.
The stress intensity factor can be put in the form:

K = 0 Yma C(g,a) (4.2-7)

where a is the half crack length or the whole length, whichever is appropriate, ¢ a ref-
erence stress and C a function of the geometry and crack length. In the case of an infin
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ite plate loaded in tension, the function C is equal to one and ¢ is the stress on the
boundary parallel to the crack line. References 3 and 18 give a rather complete col-
lection of existing solutions. In the case where no solution can be found in the litera-
ture or it cannot be constructed in approximate way by comparison to existing solutions,
it is necessary to solve the specific problem of the theory of elasticity by following
one of the methods analyzed in Ref. 2. In most cases the finite element method approach
offers the most effective way to solve the problem. In these cases general purpose com-
puter programs with subroutines particularly devoted to fracture mechanics are available,
see Ref. 19 for instance.

At this point all the elements are available to carry out the integration.

Usually this task can be fulfilled by numerical integration. This operation can be
carried out cycle-by-cycle, but this proves to be very time consuming. A more efficient
procedure is the integration with constant Aa or An steps and so obtaining An or Aa,
respectively, from the semiempirical law. The procedure and step value must be chosen for
each specific case. A reference value of Aa equal to 2% of half the crack length allows a
good agreement to be reached between the calculation time and a fairly accurate estimate
of AK in the step. If the procedure with constant An steps is selected, the subsequent val-
ues of An must be properly varied by reducing its value in order to take into account
the typical a-n relationship during propagation, (Ref. 20).

In the case of damages of a single dimension, namely through cracks in thin sheets,
the problem is obviously simple, provided that the stress intensity factor can be assess-
ed. There are difficulties in the case of damageswhich are described by a line or a sur-
face, for instance flaws or embedded defects. In such a case each point of the crack
front has a different crack growth rate and the shape of the crack front line changes
during growth. From a strictly logical point of view, this requires the calculation of
the stress intensity factor and crack growth rate at each point of the crack front. It’
must be observed that the K value at any point is generally dependent on the shape of the
crack front. As this approach leads to an impracticable procedure, the calculation is per
formed by assuming that the shape of the crack front remains the same (hence, we are fac-
ed by a one-dimensional problem) or by assuming the crack is elliptical in shape and so
calculating the K value in two points only, corresponding to the maximum and minimum axes.
The latter way is more accurate and the time required for the calculations is certainly
acceptable.

In the case of variable amplitude loading no general procedure is presently available
to predict the crack growth time. As explained in sec. 4.2.1.3, this stems from the fact
that the interaction phenomena, namely the influences of the load sequence on the crack
growth, are not yet fully understood in their physical bases. Moreover, each of the propos
ed models takes only partial aspects of the interaction causes into account by means of
simplified idealizations. As a consequence, it is likely that a method may be successful
with certain load spectra and sequences, but inaccurate with other types of load conditions.

Nevertheless, there are several cases, significant from an engineering point of view,
that can be faced with a satisfactory accuracy as far as the prediction of crack growth
time is concerned.

A first case concerns load sequences characterized by smooth variation in the ampli-
tude of successive loads. In these conditions the influence of interaction phenomena is
negligible and an integration of the K-rate relationship appropriate to the material and
K range is usually successful. Load conditions that can be treated in this way are Gaussian
narrow band sequences. In this case, a formula can be developed (Ref. 21), to calculate
the number of cycles which elapse during the growth of a crack from a; to a,.

Other cases that received attention are spectra and sequences of loads representative
of fixed wing aircraft operations. The Wheeler model can be used successfully with an ap-
propriate selection of the plastic zone empirical constant. In these cases standardized
load sequences have been developed - FALSTAFF for fighters (Ref. 22), and TWIST for trans-
port airplanes (Ref. 23). Such load sequences can be used to check the accuracy of the
models and to obtain the relevant values of the empirical constant. Fig. 4.2-12 shows the
result of crack propagation tests with the above said load sequences together with the
prediction carried out with the Wheeler, Willenborg and non interactive models. It is note
worthy that the non interactive model yields always conservative predictions.

In the case of helicopters, there is at present a lack of experience as far as crack
propagation tests with realistic load sequences are concerned. The recent development of
standardized spectra (HELIX and FELIX, see Appendix A of this manual) might offer a val-
uable reference frame to investigate the crack growth phenomenon in dynamic components.
In the case of airframe structural components, the load spectrum is prevailingly depen-
dent on mission and pay-load configuration, even if vibratory levels due to dynamic com-
ponent operation may have a not negligible influence. In the case of airframes, no refer-
ence load spectrum is currently available and, therefore, only tests pertaining simple air
craft are likely to be conducted in the near future.

In conclusion it can be obsérved that the crack growth under variable amplitude load
ing can be predicted with an acceptable accuracy in the case of fixed wing aircraft. This
is due especially to the experience accumulated with load sequences representative of the
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relevant operational conditions. In the case of helicopters, as there is a lack of this
type of experience, no precise recommendation can be given as far as the "a priori" choice
of a model is concerned. However the non interactive model and the Wheeler's models seem
to be promising for the helicopter field. The first might be used for nearly constant am-
plitude sequences, the other for spectra that depart from such a condition. Obviously
crack growth tests with the relevant spectra have to be carried out to substantiate such
choices.

4.2.2 CRACK PROPAGATION TESTS
4.2.2.1 Test articles and test equipment

Crack propagation tests can be carried out on standard specimens, test articles rep-
resenting airframe components as well as on complete airframe components where, as will
be shown later, some initial damages related to design specifications are introduced. The
last two categories are so much peculiar test articles that they cannot be dealt with fram
a general point of view. Obviously, one needs to pay attention to the accurate reproduction
of the real operative conditions, principally of stress field in the critical area.

The present paragraph, consequently, is devoted to a brief description of the stand-
ardized or generally used specimens and test equipments. The general design data rele-
vant to fatigue crack growth is carried out usually using plain sheet specimens, centrally
precracked by saw cut to obtain a through crack. A typical layout of these specimens is
shown in Fig. 4.2-13, but also wider specimens can be used with the aim of producing a
larger amount of experimental data. To achieve this, the specimen length must be increased
by the same ratio. In any case, the specimen aspect ratio must be high enough for the
stress distribution in the middle of the uncracked specimen -that is along the line where
the crack will propagate- to remain constant. The calculation of the stress intensity
factor values corresponding to the crack length values can be carried out, therefore,
easily and accurately in the processing of experimental data.

Particular care must be taken to avoid the unrealistic buckling of crack lips which
may occur in the thin specimens in the range of the high values of the crack length. In
actual structures this situation generally is prevented by the stiffeners; in the test,
antibuckling guides can be used to this aim.

In some particular cases, other configurations of specimens are used. Where the at-
tention of the designer is focused on medium or large thickness components, crack propa-
gation tests on part-through cracked specimens are also carried out. The initial damage
is manufactured by means of a very thin milling cutter or by means of the E.D.M.

Finally, if one is concerned with very thick components, such as forgings,standard-
ized C.T.S. (Compact Test Specimens), see Fig. 4.2-14, are used. These are directly made
out of the component; the criteria for this operation and some examples are discussed in
Ref. 26.

As previously stated, the introduction of the initial damage (one or more cracks) is
made at a first stage, by means of a saw, a milling cutter, an E.D.M. or other mechanical
system and then the correct dimension is obtained by applying a fatigue loading. Hence
the crack tips are sharpened and the machining process does not influence the crack pro-
pagation data.

As far as the testing machine is concerned, a discussion on the selection of the
more suitable apparatus is beyond the aim of this paragraph; an analysis of the problem
is carried out in Ref. 27. Anyway, the selection of the testing machine is often con-
ditional on laboratory availability and on the crack dimensions monitoring system. Servo-
hydraulic machines are felt to be the optimal solution, in relation to their present re-
liability and their wide possibility of use as well as for many other types of tests, in
particular for the variable amplitude loading tests. The greatest attention must be payed
to avoid unexpected overloads which can lead to unrealistic and unconservative delays in
the crack growth. However modern machines have load limits to prevent these setbacks.

The principal element of the apparatus for these tests is the crack dimensions moni-
toring method. A very effective presentation of the principal methods is made in Ref. 28,
where such methods as optical, compliance, replicas, potential difference, eddy current,
ultrasonic, fractographic, acoustic emission, breaking-wire are carefully reviewed. Among
all these methods, the optical method is the simplest system and very easy to use. The
crack dimensions are measured by an operator by means of a travelling microscope;otherwise
they may be measured automatically by means of a video camera and tape recorder (*) . The
optical method allows us to carry out measurements with an accuracy of .1 mm, a figure
adequate for technical evaluations. The drawback of this method is its inability to
measure the depth of surface cracks. An assessment of the crack depth in correlation to

(*) The use of a stroboscopic light matched to test frequency makes easier the observation
of crack tips.
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crack length (and so the shape of the crack during its growth is plotted) can be made by
replicas technique or by observing the "marking" lines on the surface of the crack by
means of an electronic microscope after the final failure of the specimen. But this last
technique can be used only for some materials and where the spectrum loading has charac-
teristics particularly suitable in producing the phenomenon. The evaluation of this fact
cannot be made a priori and the use of this technique requires some care; in particular,
the introduction into the actual spectrum of "extra" blocks to bring out the phenomenon
must be made with great caution to avoid unrealistic crack growing. All the other methods
are more sophisticated and require some operations of calibration. They are more complex
to use and are generally restricted to special applications.

4,2.2.2 Constant amplitude tests

The crack propagation tests with constant amplitude loading are carried out prin-
cipally with the purpose of determining the laws of crack growth rate relevant to a par-
ticular material.

To this end, the following procedure may be applied. The crack growth laws have the
general form:

(da/dn) = £(AK,R,my,My,.....,b;,bs...) (4.2.8)

where the constants m; must be determined by means of test data and bj are the constants
known relevant to material, for instance the K¢ or Kip value. Each law can be also put
in the form of a straight line equation by means of a suitable coordinate change. For
instance the Paris law {(da/dn)=C,(AK)"p)} can be converted into {log{(da/dn) = log Cptny log AK =
m+m, log(AK)} and then {y=m;+m, x}; and the Forman's law {(da/dn)=CpAK"F/((1-R)K,-AK)} as
{log ((da/dn) ((1-R)K -AK))=log Cp+np-logAK=m;+m, logAK} and then y=m;+m,x; and the Colli-
priest-Walker's law {log(da/dn)=C1+C2tangh'l(log(KcKth/(H-R)r Kmax)z)/log(Kth/Kc))} =

= m;+m,tangh™?! (log(b;b,/ ((1-R)™3Ky ) ) /log(b,/b;)} and then {y=m,+m,x}.

Now the experimental data and the known constants b; allow us to obtain a set of
pairs of corresponding values {xj,y;}. Then the specific constants m, and m, are easily
determined by means of a linear regression analysis of the {x;,y;} data. In some cases
(Collipriest law and others), more than two m;j constants, but generally not more than
three, have to be evaluated.

The linear regression analysis procedure can, therefore, be applied for some fixed
values of the constant m;; the final solution of m, ,m,,m; is the one for which the scatter
of {xi,yi} experimental data around the best-fit line is lower.

It is worth discussing further some aspects of this procedure. The first aspect is
the process to obtain the values {xi,yi} or, as it is clear from the previous expressions,
the corresponding values {(da/dn);-AK;}; from the latter the values {xj,y;} are immediate-
ly obtained. In effect, the (da/dn) and AK values must be drawn out from the corresponding
pairs of the aj and nj values, which are the quantities really measured during the test.

If the specimen is in a standard configuration whose expression is well known, the
value of AK; is determined easily from the aj data and the loading conditions (Ac and R).
In any case, the calculation of K can be carried out by means of general methodologies
outlined previously.

The calculation of (da/dn); values, which are obtained through a numerical procedure
of derivation on the discrete points {ai,ni} is, however, a complex problem. Crack propa-
gation is, in effect, not a continuous process but the crack dimension grows jerkily;
besides, the measurement of crack length is affected by small random errors.

In these conditions, the procedure of derivation may produce unrealistic magnification
of the scatter of the (da/dn) data around the best-fit straigth line.

This unwanted fact is likely to occur if a derivation procedure based on a divided
difference method is used. A more effective procedure is the use of a 3-th or 5-th degree
polynomial fitted to the data point {aj-nj}, where (da/dn); is to be determined, and to
the two or three data points behind and before. The crack growth rate is then obtained by
differentiating the polynomial in the i-th point (Ref. 29). The procedure is repeated for
each data point. A more powerful procedure is the use of a spline function technique. 1In
this case, the numerical process does not give rise to an "oscillation" of the function
between the data points as does sometimes occur when using the simple polynomial approach.
Fig. 4.2-15 shows a typical output of this analysis.

A second aspect of the procedure which is worthwhile examining is the statistical
treatment of the results obtained. A first step is the checking of the capability of the
crack growth law to represent the phenomenon shown by the experimental data. This is done
by supposing that the scatter around the best-fit line is normally distributed, and then
by evaluating the correlation coefficient; it allows us to check the significance of the
test data and of the "model" assumed to describe the phenomenon. This quantity can be
evaluated for each test and, if the test has been carried out carefully, the check is pos
itive; in these cases values of the correlation coefficient higher than 0.9 - a good
figure- are generally obtained. The Fisher test also can be used to assess the signifi-
cance of the semiempirical laws obtained in representing the phenomenon; moreover, this
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kind of test allows us to evaluate the correctness of the hypothesis on the significance
level (Ref. 30). As mentioned above, the correlation coefficient and the Fisher test are
significant if the distribution of the differences between the experimental data and the
corresponding points of the best-fit line is normally distributed. Hence, at the same
time, the y? test is carried out to check the goodness of this hypothesis with a certain
level of significance (Ref. 30). On the basis of the results of the previous statistical
analysis, the straight line relevant to a given perceantile (95% or 99% for instance),
with an established level of confidence (95%, generally), is immediately determined.

Obviously a single test does not allow us to fully assess the variability in the
crack propagation data. Indeed, two specimens of the same batch tested under the same
conditions show generally two different a-n curves and two different (da/dn-AK) relation-
ships. Consequently, several specimens must be tested and generally it is better to carry
out tests with various values of R, if a law taking into account this parameter is to be
determined. For each test the previous statistical treatment can be applied, but also a
further statistical analysis must be carried out to verify whether the data of all the
tests may be thought as belonging to the same population. This analysis requires three
consecutive steps (Ref. 31): checking to see if the variance about the regression lines
can be considered the same (Bartlett's test), checking the parallelism among the regres-
sion lines, checking the identity of the regression lines. The fulfilment of all the
checks allows us to group all the data into the same population and so to obtain a gen-
eral.regression line. If it is not so, the scrutiny of the results makes it possible to
identify a test carried out in an incorrect way or even to realize the inability of the
examined law to represent reliably the phenomenon in the AK range considered, particular-
ly to take the effect of R into account.

4.2.2.3 Variable amplitude tests

Variable amplitude tests are carried out with load sequences representative of oper-
ational conditions of a particular class of aircraft. Tests are usually carried out with
plane sheet specimens with the aim of evaluating the crack propagation models for the
spectrum involved. In the case of models dependent on one or more constants, these can be
adjusted by fitting the model results with the test data.

Another application that is getting increasing interest in the field of fixed wing
aircraft is the determination of the crack propagation law in variable amplitude loading,
namely da/dF=£f(K), in analogy with the case of constant amplitude. F is the number of
flights, and K is evaluated with reference to the average crack length in the flight and
a characteristic value of the stress in the spectrum. The law so obtained can be used to
predict the crack growth behaviour of different structures under the same spectrum. The
field of applicability of such a procedure, as far as the type of structure and spectrum
is concerned, is still open to investigation. Anyway this procedure, if conveniently im-
proved and substantiated, might become an effective design tool, simple and accurate to
use.

Variable amplitude tests are also carried out on specific structures to assess their
behaviour as damage tolerant structures. These tests are usual for fixed wing aircraft
designed within the framework of damage tolerance requirements.

Irrespective of the kind of test and its objective, the significance of variable am-
plitude loading tests is tightly connected with the type of spectrum and sequence adopted.
Some of the variable amplitude tests are carried out with "standardized" load sequences.
The use and the meaning of such tests is well documented in the literature (Ref. 32). In
all the other cases the load sequence must be selected in such a way as to make it repre-
sentative of the operational conditions to which the test refers. The problem of the rep-
resentativeness of the load sequence, which is of fundamental importance in any fatigue
test, is out of the scope of the present section. Reference can be made to specific pub-
lications. among which Ref. 20 and Ref. 25 can be quoted.

Nevertheless, in the present context some considerations are worthwhile. One of the
first considerations concerns the very high loads with very few occurrences. These loads
are to be eliminated from the test sequence to avoid unconservative results (clipping of
the spectrum). On the other hand it is desirable to eliminate the lower load excursions
with a large number of occurrences to reduce the testing time (truncation of the spec~-
trum). This operation is very complex and can easily produce very conservative results.
Moreover, the compression loads are sometimes eliminated from the spectrum because they
are considered erroneously ineffective in crack propagation; besides, the test set-up can
be simplified. Moreover, this action yields unconservative results as the compression
loads produce an acceleration effect cancelling partially the retardation effect of peak
loads.

Finally, the problem is to establish the clipping and truncation load levels to pro
duce accurate results anyway. The definition of clipping and truncation levels depends
also on the experience relevant to a particular spectrum and to a particular structure.
For the fixed wing aircraft, for example, it is common practice to truncate the spectrum
at the level at which the maximum stress occurs ten times in the course of a single life-
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time of an aircraft (Ref. 20). In the case of helicopters, the available experience does
not allow us to establish confidently these levels.

4.2.3 RESTIDUAL STATIC STRENGTH EVALUATION
4.2.3.1 Introduction

The final collapse of a cracked body loaded in tension generally occurs when a cer-
tain combination of applied stress and crack length assumes a well stated value charac-
teristic of a given material. This is expressed by what is known as a "fracture criterion"
i.e.:

flo,a) = I (4.2-9)

where 1.h.s. is a function of applied stress, o, and crack length,a,and I is an invariant

characterizing the thoughness of the material with respect to fracture. The "fracture cri

terion" allows us:

. to classify materials with respect to their fracture toughness because, for a given
crack length, we may apply high stress levels for materials having high fracture tough-
ness I and viceversa;

. given a crack of certain dimensions in a structure, to determine the maximum load which
can be applied without catastrophic failure of the structure itself.

On the contrary, it is also possible to determine the maximum crack dimensions which
can be tolerated when maximum load is applied.

The application of egn. (4.2-9) for assessing residual static strength of a given
structure built in a given material, is subordinated to the solution of these problems:
to calculate the function f(o,a) for any combination of applied stress and crack length
(in a given cracked structure) and to assess the Fracture Toughness (I in egn. (4.2-9))
relevant to the real material.

This section 4.2.3 aims to show how these problems can be solved. The discussion is
divided into 3 parts: first, a report on a brief analysis of general results in Fracture
Mechanics and, in particular, a discussion of the already mentioned Stress Intensity Fac-
tor (S.I.F.) K; second, a report of the most common technigques for evaluating the S.I.F.,
both in small and large thickness structures; third, a discussion of the assessment of
F.T. The concluding comments will consist of a brief discussion on the residual static
strength evaluation of small and large thickness structures.

4.2.3.2 An engineering classification of fracture

A preliminary classification of fracture is based on macroscopic considerations of
material separation. In this engineering classification the terms "brittle"™ and "ductile"
fracture are used to indicate a situation where, respectively, the fractured surfaces are
almost completely flat or inclined relative to the tensile direction, as shown in Fig.
4.2-16. 1In an ideally brittle fracture no crack propagation occurs until the load appli-
ed is smaller than a certain critical value. In this condition, a sudden crack propagation
takes place and final failure occurs with a low absorption of energy. When dealing with
a ductile fracture, a subcritical (and stable) crack propagation takes place until the
final failure occurs in the presence of the large yielded region in front of the crack.

Common experience tells us that low yield strength and high temperature are favour-
able to the formation of a ductile fracture (the opposite is valid for brittle fracture).
Moreover, a remarkable influence is due to the degree of stress axiality. In fact, some
of the models which have been proposed for explaining the thickness effect show that an
improvement of the axiality order corresponds to a virtual embrittlement of material.

This phenomenon is particularly important, since we have different stress and strain
conditions at the crack tip, according to the thickness of the cracked specimen. Two ex-
treme models can be distinguished in this connection: "plane stress” and "plane strain".

In a plane stress state, the stress according to the z-axis, normal to the middle
plane of a cracked plate (Fig. 4.2-2) is nil (OZZ=TXZ=TYZ=0); this scheme is satisfactory
as far as thin plates are concerned. In the case of plane strain state the deformation ac
cording to the z-axis, is also nil (ezz=exz=eyz=0); consequently, the stress state is tri
axial because of the presence of the stress oz=—v(ox+oy). In thin plates (typical of small
thickness aeronautical structures) the stress state is, therefore, virtually biaxial and,
when crack borders open, lateral necking zones are formed owing to the lack of lateral
tie; the plastic zones are relatively large.

In a thick cracked body, where the condition of plane strain is prevalent, plastic
zones at crack tips are, relatively speaking, smaller and a virtual embrittlement of ma-
terial takes place.

These two situations are idealized cases, of course. More realistically, in all but
the very thin plate-like specimens (Fig. 4.2-16, case A) a mixture plane stress-plane
strain exists along the z-direction, where plane stress prevails near the plane surfaces
and plane strain over the central portion. Now, having brought to mind the main phencme-
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na connected to fracture, we will examine a mechanical theory of fracture and, subsequently, discuss
about the application of this theory to the two extreme situations of plane strain and plane stress.

4.2.3.3 Elements or linear elastic fracture mechanics

The only and simplest continuum theory of fracture is founded upon the hypothesis
that a cracked body loaded in tension experiences small elastic deformations everywhere.
This linear theory is known as Linear Elastic Fracture Mechanics (L.E.F.M.). A descrip-
tion of the crack tip is one of the fundamental achievements of L.E.F.M. The stress field
at a crack tip of a plate can be considered to be the superposition of the fundamental
modes shown in Fig. 4.2-17:

mode I , or opening mode
mode II , or sliding mode
mode III, or tearing mode.
The stress tensor around the crack tip can, then, be expressed as follows:
5., = — LK £5.(8) + K__ £15(8) + K f?I.I(e)J (4.2-10)
ij Jonr I ij II i3 III ij

I,I1,III X o
where r,0 are relevant to a polar frame of reference; fiﬁ ! are non dimensional  func=-

tions which depend only on the parameter 6; and Ky, Kyy and Kyry are functions of the ap-
plied load and crack length, named Stress Intensity Factors (S.I.F.) relevant to the modes
I, IT and III.

In the Opening Mode the crack surfaces are moving symmetrically apart with respect
to the middle plane of the crack. This is the most interesting situation occuring in en-
gineering applications, since it is a situation typical of through cracks, of embedded
cracks in solids, and part-through cracks where the load is of a tensile type, normally
to the crack plane.

The other two modes are not interesting as far as engineering applications are con-
cerned and so, given the scope of this manual, we will not mention these modes in the
rest of the section.

In correspondence to the Opening Mode conditions outlined above, the stress and dis-
placement fields, in a region near the crack tip, have the following forms (Ref. 33):

K 0 8 3e‘|
Ox = cos 5 1 - sen 5 cos E— + ...
Y2nr .
K : ¢ 30
o = cos 6 |1 + sen < cos E_ + ...
¥ V2nr
o -k sen 8 cos o cos 38 + (-2t
Xy JonT 2 2 2
f —v(ox+0 ) plane strain
o o d O
{ 0 plane stress
o =0 =0
XZ vz
2(1+v)]/r 8 2 8
u, = 5 oy cos 5 [1 2v + sen é] o Bl
g 2ae e 2 8] 1
uy = K = o5 sen 3 [? 2v cos ZJ + .. (4.2-11")
u =0 (plane strain)

Z

The terms omitted in the above series are not important near the crack tip because the
first term dominates, especially in the case of the stresses, since these are proportion-
al to r~%. The expressions (4.2-11) and (4.2-11") specify the tip region elastic stresses
and displacement with a sufficient accuracy.

The term K{which corresponds to Ky in (4.2-10)) is independent of r and 6. It is a
positive-defined function which can be shown to depend on the geometry of the cracked
body and location of the crack. K depends linearly, moreover, on the applied load. The
above mentioned expressions (4.2-11) and (4.2-11') are interesting also because of their
generality, since they are valid for all stationary plane cracks, regardless of the geom-
etry of the body or the crack location. When going from a given configuration to another
the only change necessary in (4.2-11) and (4.2-11') is the functional form of K. It fol-
lows that the stress and strain elastic fields around a crack tip are completely charac-
terized by the Stress Intensity Factor K.

The only exact solutions available in the Opening Mode are relevant to infinitely
wide bodies. For the plane, infinitely large, sheet shown in Fig. 4.2-18 (Griffith model)
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we have:
K = 0 /ra (4.2-12)

For a penny-shaped crack located in the interior of an infinite solid loaded in uni-
form tension (Fig. 4.2-19), we have:

K = 20 1/% (4.2-12")

The interesting applied engineering problem of assessing K in cracked structures will be
discussed later.

Since the previously mentioned expressions (4.2-11) and 4.2-11') are based on linear
elastic analysis, the validity of application of this analysis for practical situations
is gquestionable, unless the influence of any crack tip yielded region on the surrounding
elastic stresses and displacements is comparatively small.

If the crack tip region over which plastic deformation takes place is relatively
small, the elastically calculated K-formulas will be substantially correct.

A method for the correction of small scale plastic region effects was proposed by
Irwin, A brief explanation is reported in Appendix 4.2.B.

4.2.3.4 Failure criterion of linear elastic fracture mechanics

The linear elastic model provides a description of the stress and strain states
around the crack tip. Our previous discussion has shown the existence of the quantity K
characterizing the intensity of the elastic field in this region. Although the mathemat-
ical procedure is beyond the scope of the present discussion(*), we have to quote here
an interesting energetic interpretation of the S.I.F. In this interpretation K is con-
nected to the rate of potential energy U of a cracked body with respect to the crack
length, as follows:

2
G = - %g = g— (plane stress) (4.2-13)
3U 1—v2 2
S e =5 s —1721
G = 5 - K (plane strain) (4.2-13")

(U is the strain energy minus the work of external forces).

In particular (but the result has a general validity) when external forces make no
work, K is proportional to the square root of the relaxed elastic energy at a crack tip
per unit crack length extension.

Apart from other considerations, it seems now reasonable to suppose that the final
failure 1in a cracked body occurs when the quantity -(3U/3%a)=G assumes a well defined
value for a given material. It follows from (4.2.13) that K is constant in a critical
condition, i.e.:

K = Ke (4.2-14)

The l.h.s. in egn. (4.2.14) is a function of the applied stress, the crack lenght and the
geometry of the cracked body, whereas the constant K. is invariant for a given material
and characterizes its toughness against fracture. K, is known as Fracture Toughness
(F.T.). Egqn. (4.2-14) is, then, a particular case of (4.2-9). The failure criterion
(4.2-14) is the main instrument for assessing the residual static strength of a cracked
structure. We will now discuss the assessment of both K and K-

4.2.3.5 The assessment of stress intensity factor

Very different problems arise when dealing with through the thickness cracks and em-~
bedded or part-through cracks. These will be known (in the rest of the section), respec-
tively, as "through cracks" and "part-through cracks". Both the types will be discussed
in this section.

A. Through cracks

The assessment of the S.I.F., in the presence of through cracks in thin plates, can
be obtained by means of numerical or analytical calculation.

Closed form solutions are provided in certain configurations, including infinitely
wide plates and infinitely wide stiffened panels. Some typical results are given in Fig.
4.2-20. Ref. 3 reports a lot of solutions relevant to unstiffened panels, under various
loading configurations, stiffened panels, disks, tubes, bars, etc.....

The solution relevant to stiffened panels derives from the principle of superposition

(*) The mathematical procedure can be found, for example, in Ref. 1, ch. 5.
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of effects and, in particular, on the superposition of the solutions of the problems in
Fig. 4.2-21 (given in Ref. 35).

Stiffeners are supposed to be simmetrical strips connected to the cracked plate
through points set on the rivet positions. The forces between cracked plate and stiffeners
are transmitted through these points alone; certain non linear phenomena, like friction
between plate and stiffeners or the presence of possible plastic deformations around the
rivet holes, are disregarded. When refined calculation of the S.I.F. is required, it is
possible to modify the model in Fig. 4.2-21 to include the presence of a reasonable dis-
tribution of the pressure on the rivet holes.

These closed-form results are particularly interesting because:

. they don't require time consuming calculation;
they can be used as reference points in order to judge the reliability of numerical com
putation;

. it is possible to reduce easily an effective stringer to a strip having an eguivalent
area; Fig. 4.2-22 shows an example of this.

A second way to calculate the S.I.F. in a given structure is provided by the Finite
Element Method. This procedure is fundamental when closed-form solutions are not avail-
able.

A remarkable improvement in the finite element computations applied to Fracture Me-
chanics was provided by isoparametric elements with 8 nodes, in bidimensional problems,
and with 20 nodes, in the tridimensional ones. In particular it is now possible to simu-
late the presence of a singularity of the type r~™% in the stress tensor at the crack tip
by means of the particular isoparametric elements shown in Fig. 4.2-23. This procedure
is known as "Quarter Point Node Technique". These elements are 8 nodes isoparametric ele-
ments with a side collapsed into a point on the crack tip while the nodes on the sides
converging into the crack tip are set at a quarter of this side from the crack tip itself.
An equivalent modification is carried out on a 20 nodes isoparametric element for three-
dimensional problems.

These elements are implemented in important well known programs (for example Ref.
19}, together with the options to compute the S.I.F.

The methods for assessing the S.I.F. by the finite element technique can be divided
into 2 groups:

a) Direct Methods
b) Energy Methods

a) Direct Methods

Direct methods provide the S.I.F. by means of the expression of
a.l - Stresses
a.2 - Displacements.

a.1 - Assessment of S.I.F. by the stress method.

S.I.F. can be assessed (both in two and in three-dimensional cracks) by using eqn.

(4.2-11); the expression of the stresses are valid around the crack tip and then,

many Gauss points(*) are necessary there.

As a consequence, two disadvantages are present:

- a remarkable refinement of the mesh is necessary;

- stresses are calculated as the derivatives of the displacements fields and, of
course, the errors are larger than those relevant simply to the displacement
method.

a.2 - Assessment of S.I.F. by the displacement method.
As shown in (4.2-11'}, the displacements of the points around the crack tip are
known functions of the S.I.F.
As a rule, the displacements u, and u, are assessed along straight line 9 = const.,
in a set of points so as to obtain diagrams such as in Fig. 4.2-24 is obtained as
shown in the same figure.
The method allows us to determine Ky, Kr1, and KIII in bi- and, as it is proved in
Ref. 16, in three-dimensional problems.

b) Energy Methods

These methods are known as V.C.E. (Virtual Crack Extension) and are based on the
calculation of the relaxed energy per unit crack extension, or G, according to two pos-
sible procedures:

b.1 - Total Energy Method
b.2 - J-Integral Method.

b.1 - Total Energy Method.
This method is based on the evaluation of the total potential energy per unit crack

(*) Gauss points are certain points inside the elements where the stress tensor is given;
displacements are given in the nodes.
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extension, G = -(3U/da); because of the relationship (4.2-13), G = X?/E, which is

valid in L.E.F.M. (in plane-stress conditions), we can calculate the S.I.F. by

means of the estimation of G.

Some remarks are now necessary:

~ two runs of the program are necessary for crack lengths "a" and "a+Aa" (Fig.
4.2-25); this is not a big problem in bidimensional conditions even from an eco-
nomical point of view;

- some problems exist in the choice of the quantity "Aa"; one needs to be careful
about one's choice when Aa is very little, to avoid large errors due to nume-
rical instabilities and, on the contrary, when Aa is too large, to avoid having
to compute S.I.F. K as the average value in a large crack rate; many authors sug-
gest that a proper choice for Aa is:

Aa = (0.01+0.02)a.

- less refined meshes than those relevant to the direct methods are necessary; it
depends on the evaluation of the total energy instead of concentrating the ana-
lysis on a local and singular stress or displacement field.

- an accurate estimation of K is possible because finite element methods converge
in energy.

b.2 ~ J-Integral Method.
The J-Integral is a line integral along a path T around the crack tip, which is
define as follows (Fig. 4.2-26):

du
J = f (wdy - T+— ds) (4.2-15)

J n dx

T
where:
w is the strain energy density
h is the displacement vector
x = 91303
ds is an element of the T path.
If one adopts the hypothesis that:
- body is homogeneous but, in general, non-isotropic and non-linear;
- body forces are nil;
- Yielding is present, even in large scale,
the following properties are valid:
1. J is invariant for different paths
2% J-——ag (4.2-16)

where U is the total potential energy of the system.
In plane stress state and small scale yielding it follows from (4.2-13) and (4.2-16) that:

2

K
J = E—— (4.2-17)
Now, from (4.2-16) and (4.2-17), it follows that S.I.F. K can be evaluated by the
assessment of the potential energy rate per unit crack length, in the same way as
the Total Potential Energy method. This procedure is implemented in important stress
analysis programs (e.g. Ref. 19) and the assessment of K is relatively simple.
Another way to calculate J and then, by (4.2-17), the S.I.F. K, is now in progress;
it consists of an evaluation of J as a line integral.
The integration function in (4.2-15) can be evaluated along any integration path;
in a finite element computation the integration path passes through the Gauss points
of the elements. Up till now, this procedure has not been implemented in important
stress analysis programs.

B. Part-through cracks

The analysis of part-through cracks is interesting from an engineering point of view
because these cracks are quite common in real structures. Unfortunately, however, a closed
form solution of the problem is not available.

On the contrary, a well stated mathematical model exists for an elliptical shaped
crack (in Fig. 4.2-19); this shows an infinitely wide body subjected to a uniform tensile
stress, directed normally to the crack plane.

Given the notations of Fig. 4.2-19, the equation of the border of the ellipse is:

X2 22
1 1
-— —_ = 4.2-18
e 1 ( 18)
a c

If n is taken to indicate the crack opening in a point (x,z) inside the contour of
the ellipse, the following result is wvalid:
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X2 2 1
n=n_ (1 -% X (4.2-19)
[} 2 2
a C

that is "the applied (uniform)stress produces an elliptical shape of the crack opening”.
The S.I.F. expression can be obtained by using the following procedure:
1) determine the expression of n in the vicinity of the crack tip;
2) relate K to n in the plane strain state.
By operating in accordance with these two steps, we get the expression of the S.I.F.

vs. the position in the ellipse border (given by the angle ¢} - i.e.:
2
2n
K2 -1 ( E ) = (a cos¢ + czsen2¢)% (4.2-20)
4 1_\)2 ac

The unknown quantity n, is connected to the applied stress o. To determine the ex-
pression of n,, we use the previously examined procedure used in through cracks, where
we calculated the elastic energy variation relevant to a small increment of crack contour.
The final expression of the Released Elastic Energy G, where G is connected to K ac-
cording to (4.2-13') is, then:
n(1-v%) 2.a, , 2 2 2 2 %
G =——"—"=0 (=)(a"cos" 9 + c sen” ) (4.2-21)
2 c
E®
Some remarks are necessary:
i) G (and K) is a function of the position on the ellipse contour; it varies according
to ¢ and reaches a maximum where the crack contour intersects the minor axis (¢=1/2);
here we have K?=¢’a/¢, where ¢ is defined in (4.2.22);
ii) it follows that the crack shape in the x-z plane tends to become circular in subcrit
ical static and fatigue propagation;
iii) @ varies with a/c. In particular:
® = /2 for a circular crack shape,

® = 1 in the extreme case in which "a" tends to zero.

The complete expression of ¢ is:
(7T/2 2 D

o = | {sen®s + % cos®e}? a (4.2-22)
Jo c

The solution of the problem of the part-through crack in Fig. 4.2-27 can be gained
by adopting the following steps:
A. solve the previous problem of an elliptical crack embedded in an infinitely large sol-
id;
B. correct this solution by means of factors relevant to the real situation; that is:
1) the correction relevant to the plane passing through the major axis of the ellipse,
2) the correction relevant to the presence of small scale yielding around the crack
tip,
3) the correction of the presence of a free o' surface parallel to a in Fig. 4.2-27.

To assess the S.I.F., these three corrections must be evaluated. When "a" is small
with respect to "c" and plate thickness B, the coefficient 1.2 takes conventionally into
account the presence of the two planes a and a'. The presence of o' has little importance
however. This correction can be applied in the range:

a a

p < 0.1 = < 0.5

When a/B > 0.5 the presence of the plane o', opposite to a, becomes important and, in
particular, it improves K (and G) in the thickness direction.

This effect can be taken into account by the” so-called "Stress Intensity Magnifica-
tion Factor" (Fig. 4.2-28). The mathematical hypotheses and many results for Mg are given
in Ref. 41.

No satisfactory solution exists to carry out some correction relevant to the presence
of the plastic zone at the crack border. We can consider the plastic zone effect to be
equivalent to a virtual crack extension.

This criterion leads us to obtain the final expression of the maximum S.I.F. as fol~
lows:

2

2 .2 O
K" = — L z > (4.2-23)
$°-0.212(c/c )
yS

where the term depending on 0/0ys is connected with the plastic zone correction, and. the
coefficient 1.2 is relevant to the presence of the lateral planes.
In general, linear elastic S.I.F. solutions can be provided by the finite element
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method alone. The elements utilized are usually 20 nodes three-dimensional isoparametric
elements, the singularity at the crack border being obtained by means of the quarter
point node technique. The S.I.F. is assessed by the relationship:
u_ E =
4
K= —— % (4.2-24)
2(1-v7) r

where u, is the displacement according to the direction of the load applied, r is the
distance of the control point from the crack border, and the projection of the L vector
in the x-z plane is normal to the crack border itself (Fig. 4.2-29).

Fig. 4.2-30 shows a typical mesh in a little substructure containing the crack bor-
der; typical results are shown in Fig. 4.2-31.

It must be remarked that these finite element computation are very time consuming if
a sufficient accuracy of results is required in every point along the border. A less re-
fined mesh and, consequently, less expensive computation is required to obtain a good
agreement only in the positions ¢=0 and ¢=7/2 (Fig. 4.2~31), where K is minimum or max-
imum.

4.2.3.6 The assessment of fracture toughness

Our previous discussion has shown that the value of F.T. characterizes the strength
of a material with respect to fracture, while allowing us to assess its residual static
strength on the basis of eqn. (4.2-14).

In principle, to assess the quantity K, we can choose any cracked specimen for which
the expression of the S.I.F. K(ov,a) is given. Eqn. (4.2-14) is valid independently of the
specimen configuration or crack position. The critical values of applied stress, o, and
crack length, ao, which correspond to the beginning of an unstable propagation, define
Ko. But since it has already been stated that a certain amount of brittleness exists in
the metallic materials used in engineering, according to the thickness of the cracked
plates, one might then expect to find a certain degree of fracture toughness variations
with regards to the thickness.

Experiments have shown this to be true. This is illustrated in the qualitative Ko vs
thickness diagram (Fig. 4.2-32). These experiments also show that a correlation exists
between fracture surface appearance and thickness, which indicates that an embrittlement
takes place in large thicknesses.

Beyond a certain thickness, the F.T. K, approaches a minimum value. This is usually
indicated as K¢ i.e. Plain Strain Fracture Toughness. This quantity is independent of
thickness and it allows us to operate a preliminary selection of materials with respect to
their behaviour against fracture.

Some basic remarks are now necessary:

i) a selection of materials on the basis of Ky, values is certainly valid in plane strain
conditions, but these conclusions cannot always be transferred to structures having a
thickness in the transition range. The situation shown in Fig. 4.2-33 can, in fact,
occur.

ii) because of the dependency on thickness, the assessment of K is not less important
than Kyjc values, especially in the design of aerospace structures. Design based on
the Plane Strain Fracture Toughness would give rise to unreasonable thick panels or
too many stiffeners.

Another possible influence on K, is due to temperature.

Experimental observations have indicated that K. and Ki. can be expected to show a
certain temperature dependence and, in particular, both these quantities tend to increase
as the temperature is raised.

This is valid especially for steel, where it would be desirable to have information
on the toughness over the whole range of possible service temperatures. When dealing
with aluminium alloys, experience shows that no particular dependence of K. on the serv-
ice temperature exists.

Now, for the sake of clarity, we can divide the discussion into two sections:

A) Small thickness F.T. tests, and B} Plain strain F.T. assessment.

A. Small thickness F.T. tests

F.T. was supposed to be invariant for a given material, independently of the geomet-
rical configuration of specimens, crack position and loading condition. The assessment
of F.T. in small thickness plates is usually carried out in flat panels centrally cracked
and loaded normally to the crack line (as shown in Fig. 4.2-13).

A gualitative trend of the o-a curve (o is the average applied stress), is shown in
Fig. 4.2-34, where we can distinguish three stages, i.e.:

1) o<oj, without crack propagation;
2) 03;<0<0q:the "subcritical or stable crack propagation", so called because an extension
of a crack is possible only by increasing the load applied;
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3) 0=0; or "critical condition". The F.T. is assessed by checking this quantity together
with the correspondent crack length "ac".

Transition from stage 1) to 2) is not always clearly detectable because of the pres-
ence of slip bands at the crack tip. Moreover the crack grows by steps at the low values
of the applied load in stage 2) (especially for high strength materials).

The og-a curve becomes more and more regular as it reaches the point of transition
between stage 2) and 3); the Aa/Ac velocity grows continuously up to not clearly defined
"high values", that are no longer measurable. The consequence is that the critical value
of applied stress and, above all, of the crack length can depend on the test rig and the
methodology adopted.

Engineers are used to taking shortcomings into account by means of "safety factors",
whose values are defined in accordance with the degree of uncertainty of the values of
the parameters.

Recently the probabilistic approach has gained acceptance as far as the figures for
safety factors are concerned. This approach recognizes that any structure is prone to
failure and this probability to failure can be calculated by a proper use of statistics.
It is beyond the scope of the present section to go into more detail about these problems.
The existence of specialized literature dealing with these (for an e.g. of this see Ref.
37), allows us to elaborate experimental data statistically.

It is easy to assess now the factors by which the average values of the quantities
we are dealing with (such as, for example, Ko),must be reduced in order to obtain the re
quired probability of survival.

The values of K. to be used in a design, relevant to all the materials which are
usually utilized here, are given in Ref. 2. It is, nevertheless, common practice to car-
ry out F.M. tests on specimens drawn up from a batch of material used.

No particular problem exists as far as test machines are concerned. Usually very
thick plates are used, in order to clamp specimens at the boundaries according to the
loading condition.

Many techniques exist for assessing the crack length during the subcritical stage.
It is usual practice to record the crack history by means of a television camera or, more
simply, by using a camera.

A typical 0c vs ac diagram for a plate panel is shown in Fig. 4.2-35, which qualita-
tively indicates that the invariability of K. is not possible, when dealing with small
or very large cracks in a specimen.

It would mean that when "a" is very short or, theoretically speaking, when it tends
to zero, we would obtain an infinite value of o, and this is clearly impossible. When "a"
becomes very large, or it tends to be as large as the panel width, the failure mode can
be no more governed by the laws of fracture mechanics.

Feddersen (Ref. 39) proposed to modify the Oc Vs a, curves in these two extreme ran-
ges of crack lengths according to the previously figures. It follows from this that a com
parison of K, values relevant to specimens of the same thickness and different materials
has got significance only when the critical values of the crack length and applied stress
are within the field of valid K, tests.

B. Plane strain F.T. tests

It has already been stated that plane strain F.T. tests aim at assessing the quantity
Ko, and that very large specimen sizes are necessary in ‘order to maintain the validity
of the linear elastic K characterization of the crack tip stress field.

The minimum specimen thickness required, in order to have valid plane strain F.T.
tests, is established on the basis of the results of experiments. In fact, it can be ob-
served that, in order to have a flat fracture surface larger than ninety percent, we need
a minimum thickness B = 40 r,, - where Ty is the size of the plastic enclave. According
to (4.2.C-3) in App. 4.2.C, 1in other words, for all thickness values B22.1(KI/OYS)2, F.T.
tests carried out on any specimen configuration will yield approximately the same Kre val
ue.

The requirements for Krs tests of the American Society for Testing Materials (ASTM)
specify an even larger specimen thickness for a given crack length, in order to ensure
valid Ko values. The requirement is:

K 2
Ic
B 2 2.5 ( Fan ) (4.2-25)
ys
Possible specimen geometries are shown in Fig. 4.2-36, but the most usual config
urations are those shown in Fig. 4.2-14 -i.e., Compact Tension and Bending specimens.

4.2.3.7 Residual static strength evaluation

As already pointed out, the assessment of residual static strength in small thickness
structures and in internal or plane strain conditions require two different kinds of
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considerations. We will discuss these two situations separately.

A. Small thickness structures
A.1 The Stress Intensity Factor Approach

Let us consider first the above mentioned Griffith model. If we apply the K=K, equa-
tion, and suppose again that the critical stress in a damage tolerant structure is as-
signed, for given fracture toughness, it is then possible to assess the critical crack size,
ag, in the form ac=K&/(2n0%). When dealing with flat unstiffened panels the critical
crack length can be obtained by means of experimental results, like that shown in Fig.
4.2-35. In this figure we have: ag=ag+Aag, where ay is the initial crack length and Aac
the total subcritical crack propagation. If a, is assigned, an estimate of Aap is neces-
ary, for any ag. In other words, the function Aas=f(ay) has to be assessed by means of
tests. A typical result is shown in Fig. 4.2-37.

Sometimes, this correction lfa. on crack length, ap, is disregarded, especially in
the case of more brittle materials.

As far as stiffened panels are concerned, Fig. 4.2-38 shows different ways of pos-
sible failure in relation to stringer stiffeness and stringer distance. In particular, a
crack length range may exist, where crack arrest becomes possible after the critical con-
dition has been reached. In stiffened panels, yielded regions exist not only around the
crack tip but also in relation to the rivets connecting the cracked plate to the stiffen-
ers. The influence of this phenomenon produces certain modifications in the final crack
length prediction, as Fig. 4.2-39 qualitatively shows.

A.2 R-Curve Approach

In metallic materials, plastic deformation occurs in front of the crack and some
energy is expended in the formation of a new plastic zone at the crack tip. Exper-
iments show that plastic energy is the same for every crack increment in plane strain,
whereas it varies with the amount of crack length in plane stress state.

Figure 4.2-40, which illustrates thin plates in a plane stress state, shows that the
crack starts to propagate at a certain stress level, and a further increase of the applied
load is required in order to maintain crack propagation. During this crack propagation
phase the rate of energy released is just equal to a "crack resistance" R, which increases
as a result; Fig. 4.2.41 schematically shows this.

Suppose a crack is present, aj, and a stress is applied, o4, the available energy
release is given by A. This value, however, is too low for a crack extension.

Crack starts to propagate at o = O and failure occurs at o=0g, (Point E) where:

3G 9R
da Jda

G = R and

Krafft et alii (Ref. 39) suggested that the R curve is invariant for a given material; in
other words, that R-curve is the same irrespective of initial crack length. (Fig. 4.2-43).

This hypothesis, often accepted without reservations, is satisfactory only in the
range of crack length, where K. is also invariant, as shown in Fig. 4.2-42, which illus-
trates the experiments on Aluminum alloy 2024-T3.

In stiffened panels the situation is qualitatively modified as shown in Fig. 4.2-43
and different possibilities exist, including the start of a crack (point B') and its
stopping (point C').

B. Plane strain conditions

The assessment of residual static strenght in plane strain state is provided suita-
bly by the Fracture Criterion of L.E.F.M. K=Ky, irrespective of the subcritical crack
extension.

Let us consider, first, a penny shaped crack (such is the case where an elliptical embedded
crack becomes circular) of radius a, in an infinite solid under the action of a ten-
sile uniform stress, o, normal to the crack plane.

By means of the espression (4.2-12') of the Stress Intensity Factor,we get:

]2

J

A structure is assessed to be safe just when these penny-shaped flaws have diameters
smaller than 2a..

Other solutions both numerically and, sometimes, experimentally are provided in a lot
of configurations such as flaws in corner holes, etc.

In situations different from those, the assessment of a; is more complicated and only
suitable finite element computations of K are possible.

Nevertheless the method for assessing residual static strength is the same.
Finally, a final remark needs to be made as regards the modification of the expres-

(K
a e kil Ic
(] 4 g

\
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sion of K, due to the crack tip plastic front. This modification, which gives rise to a
non-linear problem, is generally disregarded because of the high brittleness of fracture
in these plane strain conditions.

4.2.4 FRACTURE MECHANICS APPROACHES IN COMPOSITE STRUCTURES

The Fracture Mechanics methods are not profitably extensible to composite materials,
because the anisotropy and the inhomogeneity of these materials cause quite different
patterns of local stress concentrations and damage developments. The typical pattern of
the damage growth usually found in metallic materials, namely nucleation and crack growth
in the direction perpendicular to the principal stress up to the critical dimensions does
not take place in composite materials. With this type of material, various damage forms
can develop; in particular, multidirectional laminates, that are the basic components of
a composite structure, show different kinds of damage: transverse matrix cracking, delami-
nation, fibre-matrix debonding, matrix voids growth, local fibre breakage, out-of-plane
buckling of deliminated plies. Each one of these damage mechanisms can be present and
even interact with the others, according to the type of fibre, matrix, geometry and
loading.

Fig. 4.2-44 shows a sketch of a section of a typical carbon fibre reinforced plastic
(CFRP) multidirectional laminate. Transverse matrix cracks develop, starting in the 90°-.
layers, and may initiate cracks in neighbouring 45°-plies, but are restrained by 0°-plies.
The stress concentration due to transverse matrix cracks may initiate delaminations, which
is a dominant failure mechanism.

The behaviour of a typical boron fibre reinforced plastic (BFRP) laminate usually is
slightly different, because the adiacent plies, oriented in different directions, offer a
lower resistance to the growth of transverse cracks in the thickness, because of the
larger fibre diameter (average 0.15 mm for boron, while carbon fibre diameter is about
0.008 mm). Besides, delamination occurs in BFRP in a slightly minor extent with respect
to CFRP, while more frequently fibre breakage is a significant fatigue degradation mode.
This is due to local stress concentrations, which are consequence of the irreqularities
in the fibre surface, unavoidably introduced by the production technique of vapours
deposit.

In conclusion, as a consequence of the complexity and variety of the damage forms,
whose developments depend also on the nature, geometry and loading conditions, as it has
been briefly outlined above, the existing F.M. methodologies do not lead to useful appli-
cations, from an engineering point of view, in the field of composite materials. Moreover,
no other available criterion seems to be able to predict reliably the fatigue failure
and/or the residual strength of a composite structure. A large research activity is re-
quired in this field to obtain, analyze and interpret rationally experimental data on
damage growth.
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Fig. 4.2-15 Typical output of the procedure to obtain Forman's law. The
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Reference system and distribution of the stress Oy along the x-axis.
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Fig. 4.2-17 Fundamental modes in Fracture Mechanics.

Fig. 4.2-19 Penny-shaped crack model.
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Example 1: Griffith's crack in an infinitely large plate un-

der: ; f ‘a
A) monoaxial tension load (——e—ith_j
I
KI = g/7a | |
| L
Kpp = Kqpp = 0 | L2a |
| ]
B) crack surface with a constant pressure b _ﬂ_“_j
_ bttt
Ky = po/na
Kip = Kpgp = O

C) shear in the plate plane

_ i i

KII = 1/na o }v
IEE.

K. =K .. =0 1 -Jé

I III
o - = <—/
D) superposition of o and <t NS o
",
K, = (osenB - tsenB)senB/ma \T # \('
I x'\ T
— Ve .
K,; = (ocos8+ tseng)sengv/ma o\
11 e
P

with surface cracks under constant pressure po:

2p

o e ORE e
I [l

Example 3: compact specimen

Thickness B

T 3 5 7 O]
K =2l 2g.63) 185.5(2)7+ 655.7(3)2- 1017(3)2+ 63.9(2)2
17 o W W W m W

Example 4: bending specimen

Thickness B

)§+ 21.8(5)2- 37.6(9—)§+ 38-7(%)§J

W W
JP

o

K, = —2 2.9(% b 4.6

Fig. 4.2-20 Some examples of closed form solutions of S.I.F.
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Method of superposition of effects to assess S.I.F.K in stiffened panels.

Equivalent area calcu
lation; A is the ef-
fective area of the
stringer and A* is the
area of an equivalent
strip-type stringer
loaded purely in tension.

Quarter Point Node Technique.
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Fig. 4.2-30 An example of finite element mesh in a three-dimensional
problem; crack is contained in the brick-type substructure.
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Fig. 4.2-35 Boundaries of "¢" and "a" for valid Ko results according to Feddersen.
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Fig. 4.2-36 Possible specimen configurations
to evaluate K.
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Fig. 4.2-43 R-curve concept in stiffened panels (From Ref. 40).
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Fig. 4.2-44 A section of a typical multidirectional CFRP
laminate, showing ply cracks and delaminations.
The numbers on the right indicate the ply orien
tation with respect to the loading direction.
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APPENDIX 4.2.A

The threshold on fatigue crack propagation

The conditions, namely crack dimension and fatigue stress amplitude, under which
the crack does not grow can be expressed by:

AK = Ac-/FZ-chKt (4.2.A-1)

h
where AKip is a typical parameter of the material, which depends significantly on the
minimum to maximum stress ratio in the cycle, R, and on the environment.

Certain values of AKyp relevant to some more usual materials are given in Tab. Ia.
It is worthwhile pointing out that the values in Tab. Ia are only indicative because the
AKR¢p value is greatly influenced by the particular chemical composition of the material
and by metallurgical treatment. Accordingly, significant differences as far as the
threshold value is concerned may be found between two metals of the same nominal composi-
tion. Another thing to notice is the particular complexity of the tests for the evalua-
tion of AKyyp and their sensitivity to general test conditions. Very scattered data is
obtained on AKyp as no unifying procedures have so far been established. Caution is need
ed, therefore, in the use of the ARyy values found in literature.

The AKyp is greatly influenced by the stress ratio R. When R parameter increases,
the AKyy value decreases. At present, no satisfactory knowledge or theoretical predic-
tion of this phenomenon is available. The crack closure hypothesis is probably the most
appropriate explanation, but does not seem to provide a full understanding of the phenom
enon, (Ref. 44). As far as engineering application is concerned, the problem is dealt with
by empirical relationships in the form:

= Y
AKth = AKO (1-R) (4.2.A-2)
where AK, is the threshold stress intensity factor relevant to R=0 and y is a characteris-
tic parameter of the material shown in Tab. Ib. More sophisticated relationships have
been proposed, (Ref. 47), but these do not give more satisfactory results.

The AKth value is also influenced by environment, but in this case there are several,
different mechanisms. The presence of corrosive agents can reduce the threshold value
because of the corrosion phenomenon or it can prevent also the crack from growing as a
consequence of crack tip blunting or passive film formation. Since environment influence,
as well as practical results, are greatly dependent on the particular situations created
by the combination of material and environment, no general trends can be stated.

MATERIAL AKth {MPavm) MATERIAL Y
Mild steel o Ferritic-pearlitic steel 0.71+1
18/8 Austenite steel . Pearlitic steel 0.94
Aluminium o Martensitic steel 0.53
Copper 5 Pressure vessel steel 0.82
Phosphor bronze High strength steel 0.71

60/40 brass
Nickel
Monel
Inconel

AYUT U W WM =20
.
B OV WO = N OO

Tab. Ib -y parameter of AKyy sensitiv-
ity to R changes, Ref. 47.

Tab. Ia - Threshold value for R=-1 and
laboratory environment,
Ref. 47.
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APPENDIX 4.2.B

Plasticity correction of the stress intensity factor

The contour of the plastic zone may be established through the following steps:
1) by determining the stress state around the crack tip;
2) by using a "plasticity correction", that is a law of the type

¢ (o,.) = const
1]
where ¢ is the extreme plasticity surface.

In the hypothesis of small scale yielding, the stress field in the neighbourhood of
the crack tip may be described fairly accurately by the equations of L.E.F.M.. Let us
assume the Von Mises's law as the plasticity criterion; then we get

2 2 2 2
- - = = 4.2.B-1
(c1 02) + (02 03) + (03 01) 2 Uys ( B-1)
where 04,0,,03 are principal stresses and o s is the yielding stress.

In mode I, Txy = 0 along the crack line and, therefore, o, and oy are principal
stresses; when dealing with other directions, starting from the crack tip, principal
stresses are defined by Mohr's circle whose support is the z-axis, normal to the mean
plate plane.

By using the notations in Fig. 4.2-2, it follows that

K 8
01=———cos6 1+sen-2—
V2nr
g, = K cos B |1-sen & (4.2.B-2)
2 o~ 2
V2nr
oy = 0 in plane stress state
g, = K cos o in plane strain state
3 — 2
V2nr

The equation of the limit surface in terms of polar coordinates is a function of
8; putting (4.2.B-2) into (4.2.B-1), it follows that:
- in plane strain state:

2

_u L—3— sen2 g+ (1—2\))2 (1 + cos e)J = 2 02

2nr 2 Vs

- in plane stress state:

2
K

21x
p

2

2
[1+isen 0 + cos 9]=20
2 ys

From these equations it is easy to obtain the size of the plastic zone along the
6-direction: rp(e). Fig. 4.2.B-1 shows the function rp(e) in the cases of Von Mises and
Tresca criteria.

Irwin proposed a method for correcting the expression of K, to take the presence
of the crack tip plastic zone into account: plastic zone shape is shown in Fig. 4.2.B-1.
The presence of the plastic zone decreases the stiffness of the specimen in the same way
as a larger crack; let us indicate as "agf¢" the corrected crack length and "6" the
correction to the crack length "a" due to the plastic zone; we have:

feff el B
where "8" is a crack length increment such that the situation is as shown in Fig. 4.2.B-2.
Now, we suppose that, in correspondence with the crack length agfrrthe stress field is
the same as that shown in (4.2.11); therefore it follows that: "surface A area = surface
B area".

With reference to mode I, this new condition allows us to obtain the value of the
virtual crack extension §, by means of simple operations (see, e.g. Ref. 1). By applying
the plastic zone correction to the expression of K in mode I, we get:

2
K = Cla) o /n(a + KZ) X

270
Vs
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This relationship shows that K must be evaluated by an iterative process, but, owing
to the small dinfluence of (Kz)/(2n0§s) on the final value of K, the usual procedure is to
add this contribution to the usual expression of K given by K = C(a) ov/rma, where C(a)
takes the influence of the geometrical configuration into account.

rp/(K/780ys)?

plane -
stress

plane plane plane
strain . stress strain
A
Fig. 4.2.B-1 Plastic zone shape according to: Fig. 4.2.B-2 Crack length increment.
a) Von Mises criterion,
b) Tresca criterion.
APPENDIX 4.2.C
Requirements for the determination of the Plane Strain Fracture Toughness KIc
Assessment of F.T. in plane strain state must be carried out so that the plastic
zone is small with respect to crack length.
The criteria proposed for judging the reliability of F.M. plane strain tests are
formulated so that limits are evaluated for the plastic zone size.
For this purpose, it may be useful to introduce the following non-dimensional para-
meter:
2
1 K 1
R = B (—) = 3 2mr (4.2.C-1)
Oys N

where B is the specimen thickness and r_, is the dimension of the plastic zone along the
crack line; in critical conditions and plane strain state, (4.2.C-1) becomes:

1
BIc "B 21Tr.YIc (4.2.c-2)

When B = 2w, that is B= Tor experimental data of the type in Fig. (4.2.C-1) shows
that the fracture surfaces are almost completely flat; then the stress state is highly
triaxial on the basis of the conclusions stated previously.

Certain authors assume that the plane strain condition is satisfied when:

B > 40 Tylc ! (4.2.C-3)
that is
2 2
K K
40 "TIc Ic
B > 6r 2 2.1 02 . (4.2.Cc-4)
%ys ys
A.S.T.M. and B.S. requirement for the plane strain condition is:
KIc 2
B> 2.5 (=) : (4.2.C-5)
¥S

this requirement is more conservative than that relevant to (4.2.C-4).
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Specimen geometry does not influence the results of F.M. tests on the whole, but for
obvious practical reasons, two types of specimens are required: the well-known "Compact
Tension Specimens" and the "Flexure Specimens"; certain limitations are imposed on the
dimensions and depth of cracks (see, e.g., Appendix II of Ref. 29).

F.T. plane strain tests must only be carried out in laboratories fitted with suitable
equipment. Methodologies were then developed to correlate Kic value to other simpler
parameters, which can be assessed by means of non-cracked specimens and simple rigs; a
review of these methodologies is reported in Ref. 38. Many uncertainties exist at present
concerning the reliability of such correlations.

L L L L L L D B L

100 . ° -aooo.o o0 L
I T % J ° * e o "me A -
80 ~ . .Q. .: o -~
S i .‘...: L] 7
B0 smgee ot .
- ?:o ..: . -
40 K seel ]
-ee
20 "" .
o s, .
| oun oS INE N NN Y Y O N SN Y A O
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B

Fig. 4.2.C~1 Experimental data on fracture
surface.
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LIST OF SYMBOLS

a - Half-crack length

da/dn - Crack growth rate

K - Stress intensity factor

Kie - Critical value of the stress intensity factor in plain-strain condition
Ke - Critical value of the stress intensity factor
K¢n - Threshold value of the stress intensity factor
n - Number of load cycles

R - Stress ratio, opin/%max

J - J-Integral

a - Stress

oys =~ Yielding stress

AK - Stress intensity factor range

ARpp — Range of the threshold value of stress intensity factor
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Introduction

Aircraft designers know that each gram saved on empty weight means more than two grams gained on useful load. This is even
truer for helicopters where hovering requires a larger power-to-weight ratio then it is for fixed-winged aircraft.

It is then obvious that the best part is the lighter one. It must be able to sustain safely no more than the load spectrum to which
it ts submitted in service.

This is the reason why, apart from the best possible choice of shape and material, they sometimes use the latest improvements
in fatigue behavior coming from laboratory research.

But there is often better reasons to look for fatigue strength improvement :

After certification a noticeable drop in fatigue strength may come from unnoticed variations of the material production
process, the manufacturing of parts or the actual environmental conditions in service. This may lead to unsafe operation or
premature retirement of parts and actions must be taken to restore their fatigue strength.

A strengthening of some fatiguewise critical parts may also be needed when engine power increases or aerodynamic refinements
allow a greater gross weight for a helicopter type.

In both cases the improvement must, for economic reasons and as far as possible, be made using the old part or at least without
increasing the space needed for its operation. A redesign of mating parts is necessary when this is not the case.

The easiest way to describe the methods used to increase fatigue strength is to review the different causes for its deterioration
and explain the various means to avoid it. This is what is done in the following subchapters together with some advice to design,
manufacture and inspect in order to get the best possible fatigue results.

As very little has been done for composites and as crack propagation is dealt with in chapter 4.2, this chapter is limited
to crack initiation in metallic materials.

Influent parameters

For several reasons : Fatigue failures usually originate near the surface of the parts the maximum stress is often located in this
area where a plane state of stress exists, it is where the environment acts and where different types of incidents like scratches or
static cracks can occur during manufacturing, handling or operation which affects fatigue strength.

As fatigue develops by plastic shear around internal defects such as voids, flaws or inclusions acting as stress raisers, the choice
of clean materials is important.

However, for the same shape and material fatigue A
strength depends on the state of static stress existing in
the critical area : Asshown by the GOODMAN diagram

of Fig. 1, a mean tensile stress lowers fatigue
strength while a mean compressive stress increases it. \

Thus, internal stresses generated during the processing
of the material or the manufacturing of the part can ALTERNATING TENSION
have a major effect. STRESS

The main causes of poor fatigue performance for a
given design are then mainly related to the state and MEAN STRESS
working conditions of the surface of the part.

Fig. 1 — Example of GOODMAN diagram

Fatigue strength deterioration

Even brand new parts may have low fatigue strength due to the selected manufacturing process. They can also sustain a

lower alternating stress than expected because of their friction on the mating parts during operation or because of the environ-
mental conditions in service.

This leads us to consider separately the effects of manufacturing and operation.
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4.3.3.1

4.3.3.1.1

4.3.3.1.2

Effect of manufacturing process

Grinding

This type of machining is required for making parts out of hard materials when dimensional precision and low roughness
are necessary. Owing to the type of material removal - abrasion at high speed - small areas of the surface reach high
temperatures which can induce large and variable internal stresses causing a wide fatigue scatter.

In fact, this is caused by «grinding burns» producing local heat treatments ranging, for steel, from tempering at various
temperatures to requenching.

Tempering creates soft zones of smaller strength and requenching hard spots where high tensile stresses and microcracks
are present.

According to W.G. BARROIS (Ref. 1), the average fatigue loss for steel between a «good» grinding and a «bad» one is of
23 % and, for titanium, the fatigue loss between lathe-turned and ground specimen can reach 33 %.

One must,however,keep in mind that these are average values and cases are known where strength losses are much higher :

For instance, investigations into a tooth failure in a main.gear box, before the development of inspection methods
to detect burns, showeu cnat the fatigue limit was divided by a factor greater than 3.

Also, this degradation of fatigue strength is not limited to high strength steels. Some unexpected failures occured in rotor
shafts or landing gear spindles tempered above 500 deg. C for which grinding burns were not detectable. In these cases,
grinding of critical zones was made only to ease production and, for one of the rotor shafts, a sharp angle in the shoulder
fillet caused by the wear of the shaped grinding wheel was an aggravating factor.

It is then very important to avoid grinding the critical areas unless it is quite necessary and, in this event, to closely
control the process.

Heat treatment of steels

On some cases the atmosphere of the heat treatment furnace can produce surface decarburization which decreases the hard-
ness abd the fatigue strength of the surface where the cracks initiate.

Ref. 1 quotes the results of JACKSON and POCHAPSKY on notched and unnotched specimen. The fatigue limit of well
treated specimen is divided by the following factors when a deep decarburization (.2 to .25 mm) occurs :

U.S. AISI Alloys 2340, 4140 and 5140 heat treated at more than 1600 N/mm2 :

— unnotched specimen. : factor 3.35 to 4.3
— notched specimen : factor 2.75 to 3.5.

This large loss is not only caused by the softening of the surface but by the decrease of the compressive stresses generated
by the transformation of austenite into martensite during heat treatment.

Another cause of fatigue deterioration caused by heat treatment is the presence of quenching cracks generated when too
small internal radii are machined on the rough part (Fig. 2).

Rough machining

rid

Finished surface
Crack /Af} _ = e

Fig. 2 — Quenching crack
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4.3.3.1.3  Plating - anodizing

It is well known that plating generally lowers more or less the fatigue strength of the unprotected part tested in dry air
but that it can have a beneficial effect when this part is operated in severe environmental conditions.

This may be caused by the fact that the fatigue strength of the coating is smaller than that of the core or that internal
tensions are present in the coating. In this case, cracks initiate in the coating and extend into the parent metal.

The case may also be that fatigue cracks initiate in the parent metal when plating produces tensile stresses in the parent
metal or hydrogen embrittlement of the latter.

The loss of fatigue strength varies widely according to the plating process and has to be evaluated in each case. It is greater
for chromium and nickel plating for which residual stresses are high than for cadmium or zinc plating generating small
internal stresses.

Chemical plating is generally less detrimental than electrochemical plating.

As an example, here are a few figures extracted from the work of W.J. HARRIS (Ref. 2).

Parent metal
Plating
Cr-Ni steel Al. Alloy
Chromium 15 to 75 % * 48 to 63 %
Nickel 7 to 33%
Cadmium 20%
Zinc 5t 15%

loss of fatigue strength in % of basic figure in dry air.

* According to heat treatment for thick deposits.
For high strength Ni cr. Mo steel, the loss of fatigue strength at 109 cycles for thick coatings (.5 mm) is of 16 % for
chromium deposits and 22 % for mixed nickel and chromium deposits (Ref. 3).

Thinner deposits are generally less detrimental. For instance, a .1 mm chromium deposit on a high strength Ni cr steel
lowers the fatigue strength by 10 % and a .01 mm cadmium plating gives a loss of only 2.5 % on the same steel (Ref. 4).

In the two latter examples the specimen are shot peened before plating and the comparison is made with shot peened
unplated specimen.

Anodizing also lowers the fatigue strength of aluminjum alloys by some 10 to 30 % according to the type and thickness
of anodization. It seems that hard anodizing is more detrimental.

4.3.3.14  Contour etching

Chemical milling of aluminium alloys produces sharp surface micro-notches that decrease the fatigue strength of the sheets
or the forgings as delivered by some 30 % (W.J. HARRIS - Ref. 2).

However, the original fatigue properties can be easily restored by vapor or vacu blasting.

43.3.1.5 Welding
Welding is generally detrimental to fatigue strength of jointed parts for several reasons :

— The weld is a cast metal, the mechanical properties of which are often very different from those of jointed metals.
— The heat treatment produced by the process varies according to the distance from the weld generating large internal
stresses.

— The weld causes by itself a geometric stress concentration and contains usually stress raisers such as inclusions or voids
in the cast area.

This is why the ratios of cast to wrought properties of welded chromium nickel steels or heat treatable aluminium alloys
are about one half.
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4.3.3.1.6

4332

4.3.3.2.1

Surface finish

As fatigue cracks generally originate at the outer surface of the part, it is quite understandable that machining striations
act as stress raisers and that surface finish is an important parameter for fatigue strength.

However, surface finish is not easy to quantify and equal roughness values can correspond to quite different surface
profiles and hence fatigue limits.

In fact, fatigue strength depends not only on the roughness but on the state of internal stresses varying with the
machining process. It is well known that lathe turning gives compressive internal stresses while grinding is generally the
cause of surface tensions. This is why a relatively rough turned part can show a better fatigue strength than the very
smooth one ground to the same shape.

However, for a given type of machining, fatigue strength decreases when the roughness increases, R. CAZAUD (Ref. 5)
showed for instance that the ratio of rough to fine milling bending fatigue strengths was 2/3 for flat specimen of AU4G1
(24 ST) aluminium alloy.

It is then very important not to vary the condition of machining of a part after its fatigue qualification is done.

Effect of service usage

Fretting corrosion

The first attempts to evaluate the fatigue behaviour of joints such as lugs from the fatigue strength of the materials and
stress concentration factors showed that the laboratory results were worse than expected by a factor of 3 to 7.

In the meantime, the examination of the fracture revealed the presence of surface oxydation and micro cracks at the
nucleous of the fatigue failure.

This physico-chemical phenomenom caused by the rubbing of the mating parts under elastic deformations and involving
transient welded junctions of asperities, oxydation of finely divided particules and wear, is called fretting corrosion.

WATERHOUSE (Ref. 6) studied the effect of fretting on the fatigue limit of various metals. The tests were carried out on
rotating bending specimens subjected to fretting in their middle and gave the results of the following table. The reduction
factor is the ratio of the fatigue limit without fretting to the fatigue limit with fretting.

VICKER’S
REDUCTION
MATERIAL HARDNESS FACTOR
NUMBER
Carbon steel : . 1%cC 137 1.41
Carbon steel : .33%C 165 1.48
Carbon steel : . 4%C 420 2.00
Carbon steel : . 7% C Normalized 270 2.08
Carbon steel : . 7% C Cold worked T 365 3.18
Steel alloy : . 6%cr, 2,5% Ni,
. 5%Mo 330 4.38
Steel alloy : . 1.4 %cr,4 % Ni,
. 3 %Mo 510 3.55
Al. Alloy : 4% Cu 117 1.59
Al Alloy : 4.4 % Cu, .5 % Mn,
1.5 % Mg 140 1.92
Al Alloy : 4.4%Cu, .8 % Mn,
7 %Mg 160 2.72
Cu Alloy : 30% Zn 175 1.50

He also studied the influence of parameters such as pressure of contact, amplitude of relative displacement or frequency.
As far as the first two parameters are concerned, they are of little influence above a given threshold.

On the contrary the fatigue limit decreases when the frequency decreases.
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4.3.3.2.2  Chemical corrosion

Chemical corrosion is responsible for a number of fatigue fractures specially after several years of service in severe environ-
mental conditions. It has been shown that in some cases (steel rotor spindles for instance), the fatigue strength was divided
by a factor close to 3.

In fact, apart from mild uniform corrosion typical of some light alloys and having little influence on the fatigue strength,
corrosion produces pits or intergranular cracks acting as stress raisers. However fatigue tests performed in dry air after
chemical corrosion do not show a large enough decrease in fatigue strength to explain field failures.

It is now well known that simultaneous action of corrosion and alternating stress, a phenomenom called corrosion
fatigue, has a much more detrimental effect on fatigue strength.

As an example CAZAUD (Ref. 5) quotes the results obtained by MAC ADAM on a Ni-cr heat treated steel for which the
following fatigue limits were obtained.

Without corrosion ;49 kg/mm2

Test in air after 10 days
in pure water 32 kg/mm2

Test in air after 10 days
in pure water and alternating
stress of 6 km/mm2 22 kg/mm2

Fatigue strength in pure water : 11 kg/mm2

It is then very important to correctly protect helicopter parts against corrosion.

4.3.3.2.3  Ageing of composites

434

434.1

It has been shown that the loss of fatigue strength of coupons of composites was directly related to the percentage of
moisture absorbed by the material.

This is true for glass or carbon fibers with usual plastic cores were losses of properties up to 50 % were noticed. However
high modules carbon composites with resins cured at high temperatures are practically insensitive to moisture (Ref. 7).

The same reference shows that thick parts such as glass composites blades submitted to natural ageing without protection
for several years kept their fatigue strength in spite of visible external degradations.

This is due to the fact that the outer layers of the skin, although altered, protected the internal frame essential to fatigue
strength. It shows that there is little to fear for parts of composites incorporating a well studied and maintained protection.

Fatigue strength improvement

A part may have too low a fatigue strength either because of a poor design or manufacturing process which will be dealt with in
the following subchapters, or just because its size does not allow a better performance with usual production techniques.

In the latter case it is useful to improve its fatigue strength without changing its dimensions.

The possible solutions depend on the location of the crack initiation : if it is located at an external stress raiser, the cancellation
of tensions by using pre-stretched materials or the generation of local surface compressions are generally used ;

When the fatigue crack is induced by fretting corrosion, one can try to prevent or reduce the micro motions of the mating

parts by using interference fits, to prevent the formation of fretting micro cracks by interposing anti-fretting screens or coatings
or to combine the various preceding means.

Improvement at external stress raisers

When the weaker cross section of a part is located at a stress raiser - a shoulder fillet for instance - and when the fillet radius

has been given the larger possible dimension, the improvement -in fatigue  strength is generally done through some form of
local cold working.

It is well known that cold working produces surface compressions raising the fatigue limit in accordance with the Goodman
diagram. The beneficial effect of hand polishing has been known for ages and gives high compression in a very thin layer of the
material. Unfortunately it varies with a lot of parameters and is difficult to define and to reproduce. It is the reason why
controllable processes such as shot peening or cold rolling are preferred.
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In both cases caution shall be taken to stop the cold work sufficiently away from the stress raiser at a point where the
stresses have lowered. In fact, the internal equilibrium of the part requires that, at short distance from the border of the cold
worked area, the surface internal stresses reverse and become tensions which can lower the fatigue strength.

Cold worked area

43.4.1.1 Cold rolling

Cold rolling is not used very often in helicopter manufacturing probably because it is limited to turned parts and may
require several tool changes even for the different areas of the same item.

The advantage of this method however is its good reproducibility when the pressure of the roller and the number of
revolutions have been established.

It is popular in the engine field where large production of simple parts incorporating small fillets of the same size and sub-
mitted to complex vibrations can be easily cold rolled if necessary.

It can be seen in Ref. 2 that the fatigue strength of crankshafts was improved by 50 to 60 % in bending and 100 % in
torsion by cold rolling.

Another application of this technique is the production of dynamically loaded bolts. Most helicopter manufacturers
require cold rolled threads and head fillets for all bolts of the rotating-components and the main structural assemblies.

Here again Ref. 2 shows 241 % improvement in fatigue strength  for cold rolled threads compared to machine-cut
threads. This is true for medium strength steel bolts and it is recommanded not to exceed 115 hbar ultimate strength to
obtain good results.

4.3.4.1.2  Shot peening

Shot peening is: widely used in the helicopter field either to improve the fatigue strength of parts already made or to
prevent its deterioration by other operations of the manufacturing process.

Shot peening before chromium or nickel plating avoids the internal tensions generated by these platings and is an
example of the latter case.

To obtain good results, it is necessary to closely control the numerous parameters involved : type and size of the shot,
speed and flow, position and orientation of the nozzles in relation to the part, percentage of broken shot, time of shot
peening, etc . ..

In fact the final results are tested on Almen specimen distributed in the critical areas of a dummy part which is shot
peened in exactly the same manner as the actual one.

This does not exclude a close inspection of each part for lack of coverage that may be due to obstruction of the nozzles
or to surface contamination by broken shot.

For steels CAZAUD (Ref. 5) quotes fatigue limit improvements of 27 to 49 % in rotating bending and 42 to 49 % in
torsion, the latter being related to piano wire and stainless steel 18.8. To my knowledge a 25 % improvement can be ob-
tained by shot peening on actual parts of currently used Ni-Cr and Ni-Cr-Mo steels.

For light alloys Ref. 8 shows a fatigue strength improvement of 10 to 20 % when the alloy remains untreated after shot
peening and of 30 to 45 % when shot peening is followed by chromic anodization, the comparison being made with the
same process with or without shot peening. Shot peening with glass balls with an Almen deflection of .19 mm gives
slightly better results than steel balls shot peening with Almen deflections of .32 and .42 mm.

It seems that steel balls are preferable to broken wire shot, cases are known of failures in service at notches caused by
broken wire shot.

For titanium, shot peening seems to have no effect in tension probably because turning generates surface compression
which causes sub-surface nucleation like for shot peened specimen. However, it improves the rotating bending fatigue
strength by 24 to 34 %.
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434.1.3 Surface treatments

Carburizing, Nitriding or carbonitriding induce high surface compression (on the order of 100 bar) that leads to a substancial
improvement in fatigue strength. It has even been shown in some cases (Ref. 5) that nitriding completely attenuatesstress
concentrations.

It is not usual to decide the application of such treatments just to improve the fatigue strength of steel parts not only
because it generally necessitates a change of material but because the fragility of the case may be a drawback.

However when a part such as a gear or shaft is already case hardened, the extension of surface treatment to a zone in-
corporating a stress raiser and protected in the previous process can leat to improvement.

4.3.4.2  Attenuation of fretting corrosion

Fretting corrosion is a major cause of fatigue failures of mechanical parts of transmission and of airframe joints, where this
phenomenom occurs at peak stress locations.

In order to allow the calculation of lugs, AEROSPATIALE analysed a number of fatigue tests of helicopter parts, writing
that the average number of cycles to failure at a given load corresponds - to the fatigue stress on the mean fatigue curve of
the material. The calculated stress was adjusted to this value considering an overall concentration factor product of the
geometric concentration factor by a fretting concentration factor given by the following table :

CONDITION OF LOADING
MATERIAL
REPEATED ALTERNATING
LOAD LOAD
0 . | STEEL 3.5 6
Z o
E £ | LIGHT AND
@ < | ULTRA LIGHT y .
™ | ALLOYS-
TITANIUM

Such a drastic reduction in fatigue strength is the reason why considerable work has been directed towards an attenuation of
fretting corrosion.

434.2.1 Interference fit

This technique is applicable to lugs or bolted joints, the idea being to reduce the motion between bolt or pin and part
by application of pre-strain.

In case of fixed joints the bolts can be press fitted into the holes,an example being the well known taper pins or the multi-
bolts cuff to spar assembly of a number of metallic blades.

The drawback of this method is that a rather large interference is needed and that the corresponding tensions around the
hole can reduce the profit.

When the pin has to be frequently removed or when it must be free to rotate, a good solution is to press fit a bush
inside the hole, thus shifting the fretting zone from the hole to the bush.

GOOD BAD Hish
The fitting must be tight enough: to prevent the l/éé £t
bush from becoming free under the maximum load - tensigus
expected in service. |

The best design is obtained for a bush thin enough
to minimize the tension in the lug and thick JW
enough to prevent its buckling. // A

With usual interferences, bushing improves the high cycle fatigue strength of lugs by a factor of 1.1 to 2.

Caution must be taken to obtain cylindrical bushes : a polygonal external shape caused by vibrations during centerless
grinding of a thin bush led to very low fatigue results.

Collared bushes are also to be avoided because the stiffness of the collar induces very high permanent tensions at one side
of the hole that may cancel the improvement due to bushing. If the sides of the lug have to be protected against fretting,
other solutions such as coating or bonding of separate shims are preferable.
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4.34.2.2

43423

Cold working

The surface compressions produced by work hardening can also prevent or delay micro-cracks caused by fretting.
Different processes are used for holes according to their sizes and the thickness required for the work hardened layer.
Roller burnishing gives thin hardened layers while bore sizing or ballizing allow larger ones. Shot peening is only used for
large holes.

For external parts such as bearing journals, the same techniques as in para. 4.3.4.1.1 are used.

Here again an improvement of 20 to 30 % is easily achievable on actual parts and this profit adds to the one given by inter-
ference bushing as shown by the following table giving the fretting factors (see 4.3.4.2.1 above) :

HOLE
COLD WORK
PROTECTION NONE BUSHING AND
LUG (reference) BUSHING
MATERIAL
Load :
Steel alternated : 6 3 2
repeated : 3,5
Light alloy ultra Load :
Light alloy alternated : 7 3,6 24
Titanium repeated : 4

Special caution is to be taken for bore sizing titanium lugs for which scratches produced by seizure during the process
reduce fatigue strength. The best results were obtained using large interferences producing thick work hardened layers
followed by final machining to remove scratches.

Surface protection

As fretting involves oxydation and punctual welds one can think of protecting the surface by coating it with other metals
insensitive to oxydation or welding by friction or with the same kind of protective film having low friction coefficient.

The technique of thick metallic coating is also very interesting for the salvation of worn-out parts during overhaul.

It is the reason why a number of tests has been carried out by different authors. Unfortunately, the number of parameters
to cover is so large that the precise case one may need is often lacking or unprecisely defined.

The comparison is often made on rotating bending specimens in the center of which a metallic shoe is pressed to produce
fretting corrosion. These tests results are to be used with caution because the stress gradient and fretting conditions are not
representative of aircraft parts. They may however be used to select a process and test it at full scale.

As an example, the following table givespart of the rotating bending tests carried out in France, where the figures are the
mean fatigue limits or mean fatigue strengths at2.10' cycles in hbar and the percentages of the reference.

Ni Cr Mo steel Ni Cr Mo steel
3%C 12% C
Coating Se % Coating S %
Without 21,2 100 | Case hardening 45 100
Ni Sulfamate 12.4 58.6{ Case hardening
+ Tungsten carbide 69.5 154
Ni Dalic 31.6 149




7075 T73 TAGV
Coating S % Coating S %
Without 54 100 | Sulfuric anodizing 38.6 100
Ni chemical 8.9 165 | Ni Dalic 50.5 131
Ni dalic 8 148 | Tungsten carbide 54 140
Chromic anodizing 6.1 113
Chromium plating
+ grinding 4 74
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More representative fatigue tests have also been carried out on lug specimens. Unfortunately many of the results are not
precise enough for lack of a sufficient number of representative test points.

The following table gives the order of merit of a few protections obtained in repeated tension on lugs :

6061 TA6V
Configuration of lug S / Configuration of lug Seo !/
So ref Seo ref
Unbushed 1 Sulfuric anodizing 1
Bushed 1.7 Coating with polyamide lacker 4
Bushed
Nylon screen between bush 1.9

and hole

It is clear that protection by screens or lackers are very promissing because they eliminate fretting corrosion. However it
must be shown that they do not wear out or creep in service on actual parts.

4.3.5 Design to fatigue

Each helicopter structural part is designed using the best possible material and protection according to the known working

conditions.

Its shape is also studied to minimize stress concentrations and the use of loaded resin mockups coated with photoelastic lacker
films is very useful to achieve this aim.

The interest of this method is to easily allow modifications of shape by addition or removal of material.

But the designer must also keep in mind the ease of manufacturing an inspection in order to get reproducible results. For
instance, it is strongly recommended not to grind fillets when unnecessary for fear of grinding burns or cracks but when the

adjacent journal must be very smooth, one must think of releasing the fillet :

Following this idea, some firms have found valuable the examination of drawings,before manufacturing)by a team of design,

TN

Bad

stress, manufacturing and inspection specialists.

T

=/

Good
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4.3.6 Manufacturing and inspection to fatigue

The analysis of a number of catastrophic accidents in the helicopter industry has shown that, as far as fatigue is concerned,
relatively small manufacturing modifications can lead to large losses in fatigue strength (factors of 3 are not infrequent).

For metallic parts where fatigue starts at the surface or in the zone of contact of mating parts, the main causes are heat
treatment (internal stresses), final machining, surface protection and jointing conditions (tolerances, surface finish, etc .. . .)

For composites, apart from ambient conditions (cleanliness, controlled moisture) and polymerization conditions (pressure,
temperature, time, etc . ..) the materials themselves are of primary importance. Very minute variations in the composition of
resins or in the preparation of fiber surface can result in drastic fatigue strength variations while the same batch exhibits small
scatter.

Ageing of raw materials during storing is also important.

The now well known vital parts procedure and statistical fatigue quality control can be used to avoid unexpected fatigue
strength deteriorations.

4.3.6.1 Vital parts procedure

A «vital party is a part the failure of which may cause a serious accident and <ns1:XMLFault xmlns:ns1="http://cxf.apache.org/bindings/xformat"><ns1:faultstring xmlns:ns1="http://cxf.apache.org/bindings/xformat">java.lang.OutOfMemoryError: Java heap space</ns1:faultstring></ns1:XMLFault>