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PREFACE

Dans un passd r~cent et i plusiers reprises, la Commission Structures et Matdriaux s'est
intdressde aux problmes de la fatigue pour les h~licopt~res:

-Specialists Meeting on Helicopter Design Mission Load Spectra (Ottawa 1976, Agard

- Pilot papers on Helicoptcr Fatigue: A review of Current Requirements and Substantiation
Procedures (Florence 1978, Agard Report 674).

Au terme des actions ant~rieures il avait dtd convenu de la ndcessit6 d'une rdunion de
spdcialistes en vue de completer la mise en commun de 1'cxpt~rience NATO dans le domaine de
la justification des dur~es de vie en fatigue des hdlicopt~res, en insistant particuli~reinent sur la
confrontation avec l'expdrience en service, sur le ddveloppement de technologies nouvelles et
sur l'apparition de concepts nouveaux.

Tel est l'objet de !a prldsente publication qui rassemble un historique sur les rotors
ddveloppds par l'Adrospatiale, les textes de 17 exposds prdsentds A Aix-en-Provence en
septembre 1980, les comptes rendus &os cinq sessions correspondantes et le compte rendu
des d~bats de la table rondeo flnale.

Bien qu'on puisse regretter de n'avoir pu recueillir directement le point de vue de
compagnies civiles exploitantes, ii apparait que le but proposd a dtd atteihit de faqon tr~s
satisfaisante: les exposds et les discussions ont mis en dvidence l'importaiawc du travail de
r~fnexion de la part des services officiels et des industriels sur les concepts, les mt~thodologies,
les techniques de justification des durtdes de vie en fatigue pour les hdlicopt~res.

Ce document constituc sans doute une base irremplaqable pour les sp~cialistes ddsireux
de poursuivre cette rdflexion en vue d'amdIiorer les procddures actuelles. Qu'il me soit permis,
comme Prdsident du Group de Travail correspondant, de remercier vivement tous ceux qui ont
contribud A ]a preparation de ce document.

J.-M.FEHRENBACH
President, Groupe Travail sur la Fatigue

des Hdlicopt~res



PREFACE

In the recent past and on several occasions, the Structures and Materials Panel has been
concerned with helicopter fatigue problems:

- Specialists' Meeting on Helicopter Design Mission Load Spectra (Ottawa 1976, AGARD
CP-206)

- Pilot Papers on Helicopter Fatigue: a Review of Current Requirements and SubstantiationProcedures (Florence 1978, AGARD Report 674).

When the previous actions were completed, it was agreed that a Specialists' Meeting
should be held in order to complete the integration of NATO experience in the field of the
substantiation of helicopter fatigue life, with particular emphasis on the comparison with
operational experience, the development of new technologies and the advent of new concepts.

This is the subject of the present publication which provides a history of the rotors
developed by "Aerospatiale" and includes the texts of 17 papers presented at Aix-en-Provence
in September 1980, the summary records of the five corresponding sessions and the proceedings
of the final round table.

Although it may be regretted that the points of view of the operating civilian firms could
not be collected directly, it appears that the proposed objective has been very satisfactorily
reached: the papers and discussions highlighted the importance of the consideration that has
bean given by official services and industrial firms to concepts, methodologies, and techniques
for substantiating helicopter fatigue life.

The present document can unquestionably be regarded as an irreplaceable basis for the
specialists wishing to continue their consideration of the problem in order to improve present
procedures. In my capacity as Chairman of the Working Group, I wish to express my sincere
thanks to those who contributed to the preparation of this document.

J.M.FEHRENBACH
Chairman, Working Group
on Helicopter Fatigue
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STATE OF THE ART AND STATISTICAL ASPECTS OF HELICOPTER
FATIGUE SUBSTANTIATION PROCEDURES

by
R. Noback

NATIONAL AEROSPACE LABORATORY NLR
P.O. Box 153

8300 AD EMMELOORD
Netherlands

SUMMARY

The recipe that is used to calculate safe fatigue life for helicopter components is described. Basic
ingredients are flight loadspectrum, derived from measured flightloads and mission profile, a reduced S-N
curve, based on statistically treated coupon and specimen test results, and a damage hypothesis. These
ingredients are generally used, but many different ways of handling, especially statistically, exist and
these may lead to a great variety o" calculated safe fatigue lives. An example is used to illustrate the
influence of various ways of handling on the end result. An attempt is made to bring together alternative
statistical opinions.

1. INTRODUCTION

In almost arn paper on helicopter fatigue (references 1-15) a diagram is used, implicitly or explicitly,
that looks like figure 1. This might suggest that everything is clear and that indeed a well-established
fatigue substantiation methodo~ogy for ielicopter components exists. This is not exactly truc. In an exercise,
initiated by the American Helicopter Society (reference 8) seven manufacturers calculated the fatigue life
(replacement time) of a pitch link. The results of constant amplitude tests on the pitch link were provided.
Loads measured during flight tests were given and a mission profile was prescribed. Ground-Au-Ground cycles
were not taken into account.

COUPON TESTS SPECIMEN TESTS MISSION PROFILE FLIGHT LOADS

MEAN S-N CREREDUCTION

REDUCTION FACTOR

REDUCED S-N CURVE] LOAD SPECTRUM

DAAG YPOTHNESIISý

7ig. 1 Safe fatigue life ýalculation

Calculated replacement times ranged from 9 hours to 2594 hours, based on peak value flight loads, and
from 58 hours to 27816 hours with flight load cycle counting.

The methods used were in accordance with the diagram given above.

Helicopter fatigue is characterized by a large number of load cycles with relatively small amplitude,
alternated by (relatively large) Ground-Air-Ground (G.A.G.)-cycles. This is especially so for the dynamic
parts with a total number of loadcycles in the order of 100 million. For these parts usually the safe life
principle is applied. A certain life (in hours) is assigned to a component. Irrespective of its state it
will be retired from service. The probability of catasti phic failure within the assigned time must be
extremely remote. In fact the diegram is related to this design principle.

Fail safe/damage tolerance principles require inspection procedures. The airframe ususlly will be of a
fail safe design with multiple load paths, crack stoppers, etc. Manoeuvre loads will be the main source of
fatigue damage, although vibration, with a frequency at least equal to rotor r.p.m. times number of blades,
might range from a nuisance to a fatigue problem.

The following will only deal iuith fatigue substantiation procedures for dynamic parts, that are based
on the safe life principle.

Instead of the rather pretentious term "metbodology" the word "recipe" will be used.

In the following first a description of recipe and ingredients will be given. Next special attention will
be given to some aspects, especially sTatistical ones.
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2. RECIPE AND INGREDIENTS

Fatigue life calculations for helicopter components are based on the Linear Cixjulative Damage Hypothesis
or (Palmgren-) Miner rule.

For the application of the Miner rule two sets of data for the section of interest of a component must
be available, viz.

a. loadspectrum
b. S-N curves or Wghlercurves

The loadspectrum gives the number of cycles of various load amplitudes and accompanying mean loads.
Loads may be given as axial loads, bending moments, etc., combinations of these or stresses. The loadspectrum
for the final fatigue life calculation is derived from the mission profile and measured flight loads.

The mission profile may be defined by the procuring agency, airworthiness authorities and/or manufacturer.
It contains the percentages of time spent in various flight conditions. Manoeuvres may be given in numbers
per hour or percentage of time.

Flight loads are measured for the flight conditions and manoeuvres of the mission profile. These loads
are reduced to muan loads and number of cyclic loads and then combined with the mission profile to give the
flight load spectrum.

It will be clear that during the design and development stage flight loads are not available. Aik estimate
of the loadspectri.m based on nalculated flight loads will be used. This estimate also will be used to define
testloads for the specimen fatigu,' tests.

An S-N curve gives thi relation between cyclic load and number of cycles until failure for a cert%.. mean
load. The endurance limit i,; defined as the cyclic load level for which the nunber of cycles to failure
approaches infinity. The S.-. ,:urve fr the component is derived from spa-ci&en .nd coul,on tests. These results
show variability. In order that the probability of catastrophic failure 4s remote, measures %ave to be taken.
A factor on life as used for fixed wing aircraft is imprectical e.- insufficient knowledge is available on

fatigue life distributions fcr small loadcycles/long fatigue lives. It is general practice to usi: a reduction
on load, such that with rea.onable confid,.nce it can be stated that a large proportion of component S-N
curves will lie above tbhý i-•-uced S-N curve. The reduced S-q curve is related to one mean load. The cyclic
loads of the loadspectrum h, e to be reduced to the mearA load of the S-N curve. Rather often a Goodman or
Soderberg diagram is used f~r this purpose. This diagra. gives the relation between endurance limit and mean
load.

In the .ollowing some parts of the recipe will be discussed in more detail.

3. LOADSPECTRUM

The loadspectrum is based on an assumed mission profile and measured flight loads. Uncerlainties in the
two composing elements are cf an entirely different nature. The mission profile is based on th,. expected
frtuxe use of the helicopter. It can be defined, rather coarsely as in references 16 and 17 or very finely as
proposed in reference 18. Often more than one type of future use is foreseen and accordingly more than one
mission profile is defined. Calculated fatigue life is always related to the assumed mission profile and one
could say that the mission profile by definition is neither conservative nor unconservative. It may turn out
that the actual usage of the helicopter in a certain role differs significantly from the assumed mission
profile. It is then possible to define a new mission profile and recalculate fatigue life,

For the loads the situation is quite different. Loads must be established for the various flight
conditions of the mission profile.

In the first place it may be impossible to measure the load at the section of interest. Loads then have
to be derived from loads measured at other sections.

The required number of straingauges may be too largu to handle adequately. Some compromise than has to
be made.

Thirdly the number of flight conditions., including weight, e.g. position, altitudes etc., can be so large
that it is prohibitive from the point of vi,'uw of cost and time involvcd to measure loads in all conditions.
Some inter-or extra polation has to be dor.-.

Flight loads show scatter, not only from one rui to another, but also within a run. A disti:,ction has
to be made between steady flight condit* ons an,- manc'tuvres.

During steady flight cyclic loads will show Rnitter thar has a random nature. A probability density
function can be established and this Pan be used :n the fatigue life calculation (for example references 4
and I4). Others use "top of scatter" or add a certain percentage (reference 3).

During a manoeuvre cyclic load, and mean loads will vary due to the manoeuvre. Various methods are
available to count the ycles of a manoeuvre. One wil. ind that the result of the cycle count will vary
from run to run. This a( qtter can be dealt with i- ',he same ,ay as scatter in steady flight loads.

The sinp±est counting methc' is to essu±e that all .yclic loads have wegnitude (S max-S min )/2 with mean
(S +S n )i2. S and S . being the maximum and minimu'e loadlevel of the manoeuvre.

max imn max min
This of course is a conservative counting method, sometimes referred to as uncycle count. Other counting
methods art for example the range-mean count method and the rauge-pair-range count methol (reference 27).
The counting mcthod has a large influence on the esult of fatigue life calculations. In the excercise of
the A.H.S., mentioned in the introduction the ratios of fatljue life, based on a cycle counting method,
and that, based on peak value flight loads or uncycle count, ranged from 2 to 17.

Rolfe and Arden (referenco 2) are of the opinion that "Initial usage of these measured data is usually very
conservative. However, as the calculated fatigue lives become critical with respect. to design requirements,
the conservatism is whittled away sometimes at almost an alsrming rate".
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4. PALMGREN-MINER RULE AND MEAN LOAD REDUCTION

Once the loadspectrum is established the fatigue life of the component under this spectrum must be
defined on the basis of fatigue testresults. This is never done by means of spectrum fatigue tests in which
the actual unfactored load spectrum is applied. This-would lead to extremely long testing times on a large
number of test specimens. Normal practice is to ;alculate the fatigue life using a reduced S-N cirve that
has been derived from tests on coupons and specimens.

Total fatigue damage is assumed to be equal to the sum of the damages of the individual cy.-les. The
damage of one cycle with amplitude S. and mean S is equal to 1/N. , N. being the number of cycles, with
amplitude Si and mean Sm, at which falilure occurs. ni cycles give the aamage ni/Ni and total damage is

D ni (4.I)
Ni

It is now assumed that failure of the component occurs when D equals I.
If the loadspectrum gives the number per hour ni of k different load cycles with amplitude Si, all at

mean load Sm, then the fatigue life, according to the Palmgren-Miner rule, is

L - hours (4.2)n.

However, usually mean loads of the loadspectrum are not all at the level S, of the S-N curve, and the
loadspectrum has to be reduced. Most commonly used is a reduction based on a diagram that gives the relation
between mean load and endureace limit, derived from coupon tests, and referred to as (modified) Goodman
diagram or Soderberg diagram.

ENDURANCE CYCLIC S-N CURVE -
LIMIT, E LOAD, S S2 -- --  - - -- -- -  TEST MEAN LOAD

E(S, 2 ) 
L:

I (Sml)I i M 
S-NCURVE-

I I FLiGHT MIEAN LOADI I

M2 MEAN LOAD SN NUMBER OF CYCLES
(test) (flight)

Fig. 2 Goodman diagram and S-N curves

It is assumed that one cyclic load S1 at mean load Sml gives the same damage as one cyclic load S. at mean Si2
$2 being equal to

S S am2 SI& = )flight) (4-3)
rd 2 E(J m I m(l I ýmj) fih

In reference 4 a correction method is given in which it is not a priori assumed that S is proportional to
the endurance limit E.

Some manufacturers do not apply a correction if the test mean load is higher than the flight mean loads.

GAG cycles can be treated in the same way and many manufacturers do. Others feel that GAG cycles differ
too much from flight lueds and treat them separately. One method is to define the number of GAG cycles until
failure (N ) on separate specimens. With n G.A.G. cycles per hour in the loadspectrum and with a factor
c on lf__ gag fatigue life becomes. gag

L = hours (4, 4)E + "gaa
k Ni Ngag

(reference 10 and 15 for example)

Another method is to carry out specimen fatigue tests in vhich GAG cycles are incorporated (reference 10
and 19 for example0.

Still another method is to carry out flight simulation tests with flight loads that are the loads of the
flightload spectrum multiplied with a factor larger than one and equal to the reciprocal of the reduction
factor of the S-N curve. GAG cycles are applied with a factor on life. In such tests, the loadspectrum may be
simplified and small load cycles are often om.tted (see reference 9 and 191. Interpretation of test results,
for example when the mission profile is redefined or when testresults differ significantly from expected
results, may be difficult. One then has to iely on the Miner rule again although this then probably may be
regarded as a relative Miner calculation.

Tests have shown that Miner's rule is not unconditionally valid. It is unable to account for interaction
effects of subsequent loadeycles, which may be very important. This is especially so for Ground-Air-Ground
cycles. Many examples a&e known where Miner's rule yielded ur.zonservative life estimate3. For this reason,
Li the application of Minor's rule the summation is not always carried out to unity. Quite often a service
life or replacement time is prescribed, lower than calculated fatigue Y'fe (for example reference 5, 11, 19).

Nevertheless it can be stated that both rule-making agencies and manufacturers accept Miner's rule as
a tool for fatigue life calculations.
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5. REDUCED S-N CURVE

It is common practice to calculate safe fatigue life for a component using a reduced (or safe, or-
working) S-N curve. This S-N curve is based on coupon and specimen tests. Specimen tests are carried out onp a limited number of components, for example six or less, in some cases higher numbers of specimen may be
tested. These tests are usually constant amplitude tests. Sometimes cyclic load level is altered if no crack
appears. Other types of tests are constant amplitude tests alternated with a number of GAG loeds, programtests
with blocks of flightloads with various amplitudes alternated with a number of GAG loads and flight-by flight
simulation tests.

If only constant amplitude tests are carried out test results can be plotted and an S-N curve drawn
throvgh the data points. However, usually it is felt that insufficient specimen test data are available to
draw an S-N curve and therefore a curve shape derived from coupon tests on the same type of material, with
the same type of notches and fretting condition, is used.

Constant amplitude tests are carried out on a large number of coupons at various load levels until
failure occurs. Number of cycles N until failure are plotted against loadlevel S. One method to present
test results is by giving sets of S and N values of a curve drawn by eye through the test data points. More
often results are presented as an equation with a number of constants. Two types of equation are used for
this purpose

I S E +g(N) (5.1).
II S E xf (N) (5.2).

in which E is the endurance limit.
E can be defined as the S-value at a certain high value of N (N = 107 -108 cycles), or at N,+ 00
The latter will be used here.

One example of the first type is the well known Weibull curve shape (reference 20)

S = E + -- b (5.3)(N+B)K
with constants b, K and B

If I.is curve is drawn on semi-logarithmic paper it shows t, inflexion at N = B/K. At the high cycle end
of the S-N curve, that is of interest for helicopter components, constant B usually is much smaller then N
and the curve shape can be expressed as

S . E +- h E{ I +b-/- (5.-)

An example of the second type is

S a E f (N) = E (1+(55)

NK

with constants A and K
This expression is often used for helicopter components to draw an S-N curve through specimen test data points.
Usually it is assumed that the ratio f(N)- S(N)/E of the specimen tests is equal to the same ratio of the
coupon tests for a certain value of N.

Each test data point is then used to calculate an estimate for the endurance limit

Zi a So/f(Ni) (5.6)

Arithmetic mean and standard deviation are

rEE (5-7)

ýL2

n-1

Logarithmic mean (median) and standard deviation are

Z log Ei (5.9)
n

£ •I(iogEi - a )2 (.10)

Y n-1

The mean S-N curve for the specimen is now defined as

S( = -(N) (5.11)
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The number of cycles to failure N in the coupon tests will show scatter. As the aim of the fatigue
calculation is to establish a safe fatigue life, it would be practical if variability in N could be used to
establish a factor on life of the component. This, however, is not possible, as variability in N and even the
probability distribution function often depends on the loadlevel. A distribution function of component fatigue
life cannot be established, as it depends on the loadspectrum.

It is commcn practice to reduce the mean S-N curve in S-direction, such that the probability of a
component having an S-N curve lower than this reduced S-N curve is small. The reduced S-N curve can be
described by

S red (N) = F.,. f(N) (5.12)

and the reduced endurance limit is Fed P.

The steps needed for the construction of the reduced S-N curve will be illustrated with the excercise initiated
by the A.H.S. The S-N curve shapes as used by the manufacturers for the fatigue life calculation of the
hypothetical pitch link are presented in figure 3. These curves are given in references 9-15 or derived from
mean or reduced S-N curves given in these references. These curve shapes are used to transform test data points
into estimates of the endurance limit. The mean S-N curve goes through the mean endurance limit

8(N) f(N)

Mean S-N curves are given in figure 4 and these seem to be in reasonable agreement.
In figure 5 reduced S-N curves are given and, as will be clear, little agreement exists. Finally, in

figure 6 calculated safe fatigue lives are plotted as a function of the reduction factor F. This figure makes
clear that the value of the reduction factor is of major importance. The effect of differences in S-N curve
shape is small. This example is no proof that in all cases only the reduction factor is of prime importance,
but it justifies further investisation of this factor.

2.5 I111

\\ \\ASROSPATIALE
-------- HUGHES
-. .. - AGUSTA
-........ KAMAN

\ � BOEING

2.0 -..... SIKORSKYS........-BELL
f (N) "'

1.5.

1104 105 106 107

NUMBER OF CYCLES, N

Fig. 3 S-N curve shapes hypothetical pitch link

4 . . . . . . . . . . . . _. . . . . . .. ... . . .. . ...
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15 0000
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LOAD 
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BOEING A: 0.051063

--------BEL E9029.4 N (2029.2 Ib)

0.01 0.1 NMEOFN10 100

Fig. 4 Moan S-N curves hyohtclpitch ln

15000\ II111 111 111 II111

NEWTON ¶(Ib)

MEA LAD 2~N40I

10000* *

LOAD *-
AMPLITUDE

5000_
-(1000) AEROSPATIALE L*TEST DATA POINTS

-----HUGHES
AGUSTA/BOEING5 REDUCED S-N CURVE

SIKORSKY NOT USED BY KAMAN
- -BELL

0.01 0.1 1 10 100

NUMBER OF CYCLES, N (Mc)

Fig. 5 Reduced S-N curvis hypothetical pitch link
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* SAFE FATIGUE LIFE
A REPLACEMENT TIME ý CYCLE COUNT
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D

103
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101 4 ,
4 >- I
a.
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\/ \1 ,/ , I , ,t
d'.54 0.60 0.70 0.80 0.85

REDUCTION FACTOR, F

Fig. 6 Fatigue life as function of reduction factor

6. REDUCTIOUI FACTOfl

As already mentioned, the reduced S-N curve can be described by

Sred (N)u=F•: f(N) (6.1)

with reduced endurance limit Ered = F •.

The probability of a component having an S-N curve lover than the reduced S-N curve should be small, Various
interpretations of this requirement lead to various values for F.

In most cases it is assumed that endurancu limits E have a normal or a log-normal distribution function.
The factor F then can be chosen such that with confidence 8 a proportion p or the endurance limits will be
higher than F.E. Suppose I. has a log-normal distribution. The media~n and standard deviation as calculated
with equations (5 .q and 5.10) only give an estimate of median and standard deviation of the population.
The estimate of the mean is reasonably good if the standard deviation is sm~.ll. For example, for 6 specimens
it can be stated with 95 per cent confidence (in 95 per cent of the cases, the statement is true) that the
median Em of the population will be

-•< •g g=io1'O~ (6.2)
g m

or -E <E h=IO.25(6.3)h m

For £ = 0.05 g 1.13 a0'i h 0 1.10

For±£= O.lO g :1.27 and h =1.21

The estimate of the standard deviatiun is worse. Under the same conditions the standard deviation A of the
population is a

0.62 < A < 2.f £ (6.1)

or A < 2.09 1 (6.5)

red. .r -
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With only a small number of specimens the measured standard deviation t only gives a rough estimate of the
standard deviation of the population. It is for this reason that a number of manufacturers assume that the
standard deviation of the population of specimen tests is equal to the standard deviation A of the coupon tests.

if this assumption is correct, it can be stated with confidence 8 that a proportion p of all specimens
will have an endurance limit greater then

A (u 8'0A U +-7n )• F.ý (6.6)

with UP and Ua defined with

U1 ep u2
-s ~exp( u2) du = p (6.7)

V2 f ,u 2

S2exp.---u- du : 8 (6.8)

and these can be found in tables of the normal distribution

For 8 = 0.99, p =-0.95 , n = 6 and A = 0.05 it follows that

US 2.326, up = 1.645

and F 1 6-2"5946 A = 0.742

Other manufacturers feel that the standard deviation of the population of specimens is not a priori equal to
that of the coupon tests. The appropriat- statistical quantity to be used in that case is the one-sided
tolerance limit factor K (p, 8, n)T(reference 21). With confidence 8, a proportion p of all specimens will
have an endurance limit greater then

R. 0- ZK(p, 8, n) = R.F (6.9)

K (p, 3, n) can be found in tables (reference 22 and 25) and can be approximated to (according to reference 22)

Kip, •,n) P Y -- A (6.1o1
A

U32
A = - 8 (6.10a)

2(n- 1)
2

B U2 - (6.lOb)
p n

Another, rough, estimate for K(P, 8, n) is obtained with

K(p. 0, n) = c+ U n-1 (6.11)

The first term gives the confidence interval of the mean. c can be found in a table for Student's

t-distribution
c

f f(t)n-1 dt= (6.12)

The second term gives the rcnfidence interval of the standard deviation. k can be found in a table for the
X2 - distribution

fkX2
k (X2) dx 2 1-8 

(6.13)
0f n-1

For n=6, 8 = 0.99 and p = 0.95 and thus

UO = 2.326 Up = -.645 c = 3.37 and k 0.55
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the value for K(p, B, n) is

K (p, 8, n) : 5.409 (from table A7 of reference 22)

K (p, 8, n) 6.570 (equation 6.10)
K (p, 8, n) 6.336 (equation 6.11)

For .= 0.05, the values for F are 0.536, 0.469 and 0.482 respectively.

Although the one-sided tolerance 3imit is the appropriate statistical quantity to be used if the standard
deviation of the population is not known, not many manufacturers actually use it. In reference 6 the use of
this quantity, (Hald's formula, equation 6.10) is proposed. A very high value for p is used that on the other
hand is drastically reduced as a truncated probability distribution is used. However, instead of the standard
deviation of the specimens, that of the coupon tests is used. Besides that a fixed number of specimen tests is
assumed and in fact constant (low) factors are used, only depending on the type of material. In reference 23
the rough estimate of K (p, 8, n) according to equation (6.11) is used. (Instead of the one-sided corfidence
level, the two-sided level is erroneously used). However, very often manufacturers use the so-called three-
sigma-livel. That is, factor F is equal to

3 -
F = 10 (6.1h)

To safequard against a fortuitous low value of Z often a maximum limit for F is used.

F <ma (6.14a)
The recipe to establish the reduced S-N curve as described above is not universally used. Some alternatives

are as follows.
Endurance limit E is assumed to have a normal distribution with mean 2 and standard deviation s

(equation 5.8). The standard deviation of the coupon tests is a. The E-value that, with confidence 8, will
be exceeded by a proportion p, is

if the standard deviation O of the coupon tests is assumed to be representative for the standard deviation

of the specimen tests

- U
Sred E- (p + n (6.15)

E rd a( U + U -/n
and F - = 1 _ p 8/) (6.16)

-if this assumption is not made

Ered E- sK(p, 8, n) (6.17)

and F= red (6.18)

The quantities O/R and s/R often are referred to as coefficient of variation. This expression should not be
used as it easily leads to confusion (reference 15). It is not equal to the standard deviation of the
log-normal distribution, in fact for small values of A,

S' , A .3- 10 r 2.30 A (6.19)

Again, very often only a 30-reduction is applied.

In reference 3 and 15 the possibility that endurance limits have a Weibull distributioi, is put forward.
This distribution function is equal to zero for E < 1. On all the samples analyzed it was found that the use
of the three standard deviation level of strength came at or below the zero probability point estimated by
the Weibull parameters (reference 3).

It should be noted that if a variable has a normal distribution and if a Weibull distribution is fitte'
to it (equal mean and equal first and second derivative of the distribution functions at the m an), the zero
probability point ( y) is equal to the mean minus 2.83 a . If the variable has a log-normal distribution
approxianately the same result is obtained (appendix A). A Weibull distribution function with zero probability
point y > 0 should be used only if on physical grounds such a value can be set or if statistically, 4n a very
large number of tests, such a function with P (E < y) = 0, can be established.

It is assumed that both loads and endurance limits have a certain probability density functi on. By means
of Monte Carlo methods a large number of combinations of endurance limit and load environment is chosen and
for each combination fatigue life is calculated. Safe fatigue life is chosen such that a large proportion
(i.e. 99.95 per cent) of calculated fatigue lives exceeds this safe fatigue life (reference 1 4).In this
method a reduction factor is not used. It seems to be debatable, however, that it can be assumed that a
helicopter would meet a load environment that is systematically a certain amount lower or higher then the
mean load environment. A more appropriate assumption seems to be that each individual helicopter meets the
entire population of loads. This is proposed in reference 4.
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7 DiSCUSSION

The main problem that a helicopter fatigue analyst meets is that he actually never can test whether he

is rig.-t or wrong. He has to tstablis)' a safe fatigue life such that the probability of a fatigue failure
during the assigned life is ext,-mely remote. An "allowable" failure rate of 10-7 per flight hour is sometimes
quoted. If a component has a calculated satz life of 5000 hours, then several thousands of components would

have to be tested with actual flight loads up to a multiple of 5000 hours to establish the lower "tail" of
the distribution function of fatigue lives. Experience vith helicopters only gives a rough indication about
the occurrence of statistically predictable failures. Other cauzes of failure (corrosion, scratches,
deviations from mission profile) darken the picture. 1his uncertainty i4' inherent to the safe life principle.
For this reason, and other reasons as well, fail safe and damage tolerance principles are gaining impetus.
It is to be expected, however, thar the safe life principle will still be used at least in the near future
and it therefore is worth while to look critically at the recipe. The ai. of the calculations is to arrive
at an assigned life of a component, during which the probability of fatigue failure is extremely remote and
this means that in fact the lower "tail" of the distribution function of fatigue lives has to be established.
To get a better insight, the problem hypothrically will be split up in two parts.
- What is the median fatigue life and what influences it.
- Given the median fatigue life, what is the safe fatigue life that with confidence a is exceeded by a

proportion p of all components.
The first part could be regarded as the fatigue problem and all information on material and loads is needed.
The second part is mainly a statistical problem. The first part of the problem will be considered first.

To start with, the mission profile must be defined and it should be realized that both median and safe
fatigue life are related to a certain mission profile. This might be a mean profile or a worst case profile.
However if the real mission profile differs systematically from the assumed mission profile, the assigned
life has no relation to reality and a revision should be made.

Mission profile and measured loads together provide the loadsspectrum. In the most simple form loads are
assumed to be equal to the maximum loads during the mission element (uncycle count). This of course is the
most conservative counting method. Various cycle counting methods can be used, the optimum being the one
that gives the best result with the Miner rule. This probably is the right place to ventilate the followin;.
Never should conservatism in cycle-counting be used to compensate for unconservatism elsewhere. The remark
about "conservatism being whittled away at an alarming rate", already cited, can be amplified with a remark
from reference 24.

"Problems then arise when component strengths don't come up to expectations and the designer starts to
manipulate his loads spectra to eleminate"conservatism"".

No part of the recipe should be unconservative, even when other parts of the recipe are evidently
conservative.

It is questionable whether the Miner rule is valid, especially if a large number of flight load cycles
is alternated with G.A.G. cycles. Nevertheless validity of this rule usually is assumed. In conjunction with
the appropriate mean S-N curve, median fatigue life can then be calculated.

In many cases it may be difficult to decide on the appropriate S-N curve. It is almost common practice
to derive the curve shape from coupon tests, with test conditions (fretting, notches, etc.) that give the
best agreement with conditions of the specimen. However, as is pointed out, for example in references 13
and 15, often more than one failure mode for which different curve shapes should be used, are possible.
Besides that,specimen test conditions hardly ever will be equal to those of the coupon test. And thia raises
the question whether it would not be preferable to use test data both from coupon- and specimen tests to

define the curve shape.
In equation (5.5)

S A
E N1

the values for K and A could be derived from coupon test and specimen tests respectively (reference h4).
The value for A can be found on the basis of minimum error in E-values. For the test datapoints it, figure 3,
an S-N curve with K = I has minimum error for A = 0.051063. The error is lower than for any of the other
curves.

To summarize our discussions so far, it may be stated that, for a certain mission profile an estimate
for the median fatigue life can be made. Confidence in thd estimate increases with increasing sophistication

of load analysis and testing methods and increasing number of specimen tests.
This however is insufficient to arrive at a statistically safe life. The term "statistically safe." is

to be interpreted here and in the following as that value that with confidence 0 is exceeded by a (large)
proportion p of the population.

The distribution function is needed for the definition of the statistically safe life. Unfortunately
this function depends on loadlevel. This can easily be seen in the following figure, that iv reproduced
from reference 25.
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Fig. 7 Fatigue life distributioms
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For high values of stress S the distribution is approximately normal with a relatively low value of
the standard deviation. For low values of S i'he distribution is not normal and the standard deviation is
high. The data of figure 7 were analyzed in relerence 26. A slightly different analysis is given in
appendix B. All 252 test results are regarded as estimates for the endurance limit E. With the assumption
that endurance limits have a log-normal distribution with median and standard deviation derived from the
testdata, the distribution functions of fatigue lives as function of S can then be calculated. The result
is given in figure 8.
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Fig. 8 Fatigue life distributions

The assumption seems to be a reasonable one, as fatigue life distributions are fairly well described.
It follows from this analysis that, ii a statistically safe reduced endurance limit is chosen, also the
lives predicted by the S-N curve defined by the reduced endurance limit are statistically safe.

This of course is only one example, but it is thought to be representative. In the example it was
assumed that all coupons have the same S-N curve shape, but different E-values. The curve shape was defined
as the one giving minimum error in F-values.

The foregoing is not a proof that the reverse also is true but it seems reasonable to assume that if
a specimen has a certain endurance limit Ei, that it has an S-N curve defined by

S = Ei + g(N)

or S n Ei x f(N)

depending on which type of function was used in the analysis.
If this is so, and in the recipe it is tacitly accepted, then only the statistically safe endurance

limit has to be established. To do this The distribution function must be known. Usually however only a
very limited number of specimen fatigue tests are carried out and one then has to rely on previous experience.

Usually it is assumed that endurance limits have a normal or log-normal distribution function. Results
of coupon tests show that at least for not too large deviations from Vhe mean these distributions give a
fairly good description. For relatively low scatter the difference between the two functions is not large.
Some arguments are in favor of the log-normal distribution. This distribution is limited to positive values
and the use of a factor is more natural (Equations 6.6, 6.9, 6.16 and 6.18). In the following the log-normal
distribution will be used.

As already mentioned in chapter 6 the Weibull distribution function should not be used, unless it can
be proven that it is the right one(figure B3 shows that for the example given above, a Weibull distribution
can not be used).

The first thing that should be done is to check whetaer endurance limits, obtained qith the specimen
test have a distribution function that is reasonably log-aormal. For this purpose the log F-values can be
plotted on normal probability paper. The problem is that, even when these values are from a 1,rfectly log-
normal population, the plot may deviate rather much from a straight line, when the number of teAts is small
(appendix C). Engineering judgment must be used if the p3ot shows a systematic deviation from a st"aight line.

Now it will be assumed that there is no reason to aoubt the log-normality of the f-values. The -edian
E and standard deviation I can be calculated with equations (5.9) and (5.10). R and Z are estimates o: the
median E and standard deviation A of the population. As already shown in chapter 6 manufacturers do notm
agree whether factor F should be based on specimen or coupon test results. If k priori it is assumed thatthe standard deviation is known and is equal to that of the coupon tests, factor F is equal to (equation 6.b6

F = 107 A(Up + -l/ Vn)

If on the other hand this assumption is not made and if results of specimen tests are used, factor F is
equal to (equation 6.9)

I K(p, F. n)

F 10-

For 8 = 0.99, p = 0.95, n = 6 and I = A = 0.05, fLctor F is 0.742 and 0.536 respectively. As shown in figure 6
this difference in factor F may correspond with a factor of nearly 100 in calculated safe life. In the next
chapter, an expression for F is proposed that combines the two views.
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8 PROPOSAL FOR FACT-OR F

It is assumed that scatter in test results depends on properties of the test items and on pro•,eo _a of
the testing machine or apparatus. Both types of scatter are independent of each other. For the po;ilation
of coupcn tests the variance is

A 2 = 2 A2( .

coup A coup. mat + A mach.

A coup.mat is the standard deviation of the endurance limits of the coupons that depends on the type of
material and the quality of fabrication of the coupons. A mach is the standard deviation of scaiter
due to the testing machine. For the population of endurance limits of a certain specimen test the variance is

A2  : A2  +n app (8.2)A2Spec =A2Spec. mat A app.(82

A app is the standard deviation of scatter due to the apparatus used for the specimen test.
A spec.mat is the standard deviation of the endurance limits of the specimens, that depends on the type of
material and the quality of fabrination of the specimens.

Two cases will be considered

A: it can not be assumed that scatter due to type of material and quality of fabrication of coupons
and specimens are equal.

Aspec. mat 0 Acoup. mat (8.3)

In this case the scatter in the specimen test results bears no relation to the scatter of the coupon test
results. Both mean and standard deviation of the specimen test results are estimates for mean and standard
deviation of the population. The appropriate statistical quantity to be used in this case to define the
statistically safe endurance limit is the one-sided tolerance limit (equation 6.9).

B: It can be assumed that scatter due to type of material and quality of fabrication of coupons and
specimens are equal.

A Spec. mat = A coup. mat 0 Amat (8.41

The estimate R for the median E of the specimens is based on the outcome of specimen tests and it has the
standard deviation A pc / n/'.m Scatter of the estimate 2 depends on scatter in material properties and
on scatter due to the esting apparatus. However A Spec is not known. Only an estimate, viz. 4 sec, is
available and Student's t-distribution has to be used to establish the lower confidence limit of the mean.
With confidence 8 it can be stated that

n spec

Em X o . 10" n = F,7• (8.5)

c can be found in tables for Student's t-distribution, and is equal to 3.37 for n = 6 and 0 = 0.99.
For t = 0.05, fuctor Fi = 0.8535spec

Scatter in endurance limits of the components depends only on scatter in material properties, not on scatter
due to testing apparatus. A proportion p of the population will have an endurance limit, that exceeds

E(p) E% 107-Up A mat (8.6)

The value Amat is not known. From equations (8.1) and (8.4) it follows that

Amat =A coup mat = coup mch < A coup

and this gives

E(p) =Em 10 -Up Amat > E 10-Up A coup = F2 Em (8.8)

With the assumptions given above it can be stated with confidence 0 that a proportion at least equal to p of

the specimens will have an endurance limit that exceeds

Ered . FI F2  F (8.9)

with _

F = 10 spe - Up 'coup 8.10

For 0 = 0.99, p = 0.95, r, 6 and ISpec =Acoup A 0.05 , factor F is

F = FI F =l2 o0-0.00 88. 1o-'.08P25 0 .8535 x 0.8275 = 0.706

L~q~~A - ~ --- -
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In this expression for fictor F scatter of the specimen tests is used to define the lower confidence
limit of the mediai, of specimen endurance limits. Scatter of coupon tests is used to ensure that a certain
proportion will exceed the reduced endurance limit.

It will be clear that the choice of values for confidence 8 and proportion p needs some consideration.
The factor should oe in accordance with those previously used for a well defined specimen test with a

relatively large number of specimens and low scatter. Various combinations of 8 and p can be used. It is
felt that confidence 8 should be at least equal to proportion p. The value for 8 is used to calculate the
lower confidence limit of the median of the population. In 100 8 per cent of the tests the median of the
population will be higher then the lower confidence limit. However in 100 (1-8) per cent of the tests the
median will be lower. This affects the entire fleet. If the estimate of the median is equal to the median
of the population a proportion (1-p) will have an endurance limit lower then the reduced endurance limit.

For 8 = 0.99 and p 0.95 curves for factor F are given in figure 9.
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9 CONCLUSIONS

1 There appears to be agreement between the majority of helicopter manufacturers with r•zard to the general
procedures to determine the safe fatigue life of helicopter dynamic components.

2 The mean S-N curve is multiplied with a reduction factor to obtain the safe S-N curve. This reduction
factor turns out to have a major effect on the calculated fatigue lives.

3 In this paper, an expression for the reduction factor is proposed, that takes into account the results
of both specimen and coupon tests.
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APPENDIX A

NORMAL AND LOG-NORMAL DISTRIBUTION APPROXIMATED BY A WEIBULL DISTRIBUTION.

Suppose a variable X has a normal or log-normal distribution function and that this distribution will be
approximated to by a Weibull distribution. Various criteria could be used. A reasonable criterium seems
to be to equalize the first and second derivative at the median xm.

In the following the logarithm with base 10 and ,ase e will be indicated with "log" and "in",
respectively.

Distribution function F(x), median xm for which F(x) = 0.5, the first and second derivatives for the
three distribution functions are as follows:

Normal distribution function:
x

F(x)= J •2.aexp (t-")2 dt (Al)
f0 20

XM=~

_P ___exp {( - - { = -
dx 202 {d) (A2)

d2 F_ 1 e.2 } 0 (A3)
e-- A-- 3 ( cl ) 2 (A3

a2 - 03 202 xm

Log-normal distribution function:

x

F(x) = V-.A exp - (LA t-_A dt (An)0 2 A 2  t lnlO

Xm= 0A

g= I exp { (log x-A)2 2

dx V3AInIO 1A 2  x ( X " (A5)2 Adxxm V• Aln10 x m

d2 F 1 exp{ (log x- A)2 ) log x-A + I

,I2 V- ' A In 10 2 A 2  A2 In10 x2  (A6)

(d X . VIA mb 2(A6a)

Weibull distribution function:

F(x)= I- exp { - (-)p ) F(x)=O for x < y (AW)

xm = 4(- lnO,5) 1/P + y

dF ='D(- > ep (LXPA

Qdx q q2n 0.5) (A8)

d2F -k~ (xL) P`-2 exp { 1--Y-:) p {P- 1 -pix-Y) 3 (A9)
d)? q2  q q -q fdj -n )p {-1+ n0-5dF= P (-lnO.5)~ {p I.I"1+pn0.5}

m (A9a)

i-I
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Equalization of median, first and second derivative gives:

for the normal distribution

lP l 3.258 (Alo)

1=ln. 3.1681 a (All)

~ C c -V ' nO5 2a 1  (Al2)

for the log-normal distribution

13.2589 (A13)

l+In .5- ln 0.5 A ln 10 = +c Ain 10

q =x mp Ai In yT 10 In 0.5) p (A14)

xZ

xm

l+C Ai In 10

The value at which a Weibull distri~butiun function, approximated to a normal distribution function, will
be truncated, will always be at the mean minus 2.8311 a. Approximately the' same ia true f'or a Weibull
distribution, approximated to a log-normal distribution as the standard deviation is approximately equal
to xm A ln 10. Weibull approximations for'normal and log-normal distributions are given in figure Al.
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APPENDIX B

ANALYSIS OF 252 FATIGUE TEST RESULTS.

The results of fatigue tests on 252 notched aluminium alloy coupons are presented and analyzed in reference 2E
The results are also presented in figure 7, which is reproduced from reference 26. A slightly different
analysis is given in the following.

The tests were carried out at nine stresslevels Sj on nj coupons. The number of cycles to failure is Nij

From each testresult (Sj, Nij) an estimate Eij for the endurance limit is derived, using the Weibull S-N
curve shape

S=E + A (Bl)

The constants A, B and K are chosen such that the variance of the logarithm of the E. .- values is a minimum.
13

The variance
F Z (yi~-)

Z2 n-1 (B2)

with Y.ij log Eij (B2a)

E.. sj - (M)
13 (N ij+B)

m = i (B2c)
n

and n = Z n. (B2d)

is a minimum for

K = 0,564
A = 3.4266 (B3)
B = 0.050

With these values the mean ma end the sv..ndard deviation £j, pertaining to the various stress levels
can be calculated

z Y..
= !i (B4)

n.

1 2 Z(Y. .- m.) (B5)

n.-1

These values are given in table BE.

TADLE B I

Statiotical data

stress number oftandard lower upper lower uppero menIstandard
level coupons m deviation
S n limit n limit p limit A limit A

22 21 0.7826977 0.0118347 0.777 0.788 0.0091 0.0171

21 30 0.7610314 0.0160620 0.755 0.767 0.0128 0.0216

18 30 0.7217473 0.0233504 0.713 0.730 m.0186 0.0314
15 30 o.7681646 0.0227018 0.760 0.777 0.0181 0.0306
12 30 0.7786293 0.0225405 0.770 0.787 0.0180 0.0303

10 30 0.7907578 0.0250865 0.781 0.800 0.0200 0.0338
8 30 0.7552585 0.0183169 0.748 0.762 o.x146 0.0247
7 30 0.7243482 0.0216167 0.716 0.732 0.0172 0.0291

6.5 21 0.7297790 0.0168953 0.722 0.737 0.0129 O.0244

all J252 0.756985 0.031827____

lovels 10 15 0 _1~0.753 j 0.76' 4
imat 252 10.02025871 1 0.0186 0.02224

41 I_ __ _ II
}..
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If the assumptions made so far are right, each of the mean values w. can be regarded as an estimate of the
mean p. Assuming a nornal distribution for Yi it follows that

c Z. c Z. (B6)

The value for c is determined by Student's t-distribution. For confidence 6 = 0.95 the values for c are

for n. = 21 c = 2.09
for n. = 30 c = 2.o0 (B7)
for nJ = 252 c = 1.96

Lower and upper limits for V are given in table BI and figure BI.

m011 Imat

22 - 22 - i---'211 - 21

18 - 18

STRESS 12 - STRESS 12 -

10 -.---- 4 10

8 - 8

6.5 6.5

0 ' I.7 I .7 I I I i 0 _ t
0.70 0.72 0.74 0.76 0.78 0.80 0 0.01 0.02 0.03 0.04

MEAN u STAOARD DEVIATION A

Fig. BI Confidence intervals of means rig. B2 Confidence intervals of
standard deviations

The confidence intervals are not in agreement with each other. For example the interval based on all
measurements is overlapped by only three confidence intervals. Therefore it is concluded that the means
thus obtained are not estimates for the mean of the population. It is assumed now that for each stresslevel
an error exists. This error could be due to an e;ror in the Lasumed S-N curve shape or to a systematic error
in the stress S.. The best estimate for this erior is

6i = Mi - M (B8)

This will be used to find new estimates for the endurance limit.

zij = Yij - 6 5 (B9)

or E. = c.E. (BIO)

with a 10m - Mj= (B11)

The revised S-N curve shape becomes

S =E , A (BI2)
ej (N+B)K

The totel error ZZ(Yij - m)2 wi2 l now be split up in .two parts. One part is due to the errnr described
3bove, the other part will be attributed to maTerial properties.

- 7ZV
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i i jz 1ij- mj+Mj -M)

[ •E (Yij - mj) 2 + 2 i (m. - m) (Yij -imj) + nj (m. -rm) 2

Z z2(nj - I) + Z nj (in - m)
2  

(B13)

and it follows that

zy (Yij - M)2 Xzz2 (nj + Z nj (mj _ m)2 = Z2 mat + mach. (14)Z2 = -• i = -- = 'i muh B

n-1 n-1 n-1

Zmat is the variance due to material properties. rmach is the variance due to the testing machine and
deviations of the assumed S-N curve shape.

The values k. can be regardrd as an estimate for the standard deviation A of the population. Assuming
a normal distribution for Yi it follows that

n.-1 n.-1t C2  3cl

The values for cI and c2 are determined by the cbi- square distribution. For confidence 8 = 0.95 the values c1
and c2 are

for n= 21 c, = 9.59 c2 = 3h.17
ni =30 c= 16.0 c2 =45.7
n3 = 252 c1 = 208.6 c = 296 .3

Lower and upper limits are given in table BI and figure B2. All conftidence intervals, except one, have an
overlap and it is concluded that all values Z. are an estimate for A, the best estimate being Zmat

It is now assumed that the corrected endurance limits E have a log-normal distribution. The median is
Em = 5.7146 = 10P, with P = ms = 0.7569858 and the standard deviation is A = at= 0.0202587.

The distribution of Z = log E is given in figure B3.

99.99 1 i 1 1 I

99.9

99.5
99

95
90

75
PROBABILITY

(,) 50

25

10
5 ¢ • t11,+ k Imat=

0.7569858 + k 0.02025870.1,
0.2.
0.1

I II I I I I I I

0.68 0.70 0.72 0.74 0.76 0.78 0.80 0.82 0.84 0.86 0.88

z = log E

Fig. B3 Probability distribution o, the corrected
endurance limits
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The proportion p of the population that will have an endurance limit higher than E(p)= 1011'kA is defined by

k

S- L v•,e dt. = p (B6)

and this can be found in tables of the normal distribution.

The fatigue life N((p) that will be exceeded by a proportion p of the population can now be calculated with
the revised S-N cuv shape (equation B12)

N(p M ___A_ 11K -B(BIT)

Probability distribution functions N*(p), with parameter Sj, are given in figure 8 and show good agreement
with the measured probability distrigutions.
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APPENDIX C

NORMALITY OF DISTRIBUTIONS.
Suppose a variable X has a normal distribution with mean p = 0 and standard deviation a = 1.
A sample of size r, is drawn from this population and plotted on ncrmal probability paper (reference 25).
For the determination of the probability P(xi) several alternative methods exist (reference 28). The following
expression will be used here.

x nTnP(xi):-=oje dan anrmlpplton = aepotdi (Ci)

One expects this plot to be a straight 'i.ie passing through x 0, P(x) = 0.50 and with slope, indicating a = 1.
Ten samples of size n = 6, drawn from a normal population (I, 0 , a = 1) are plotted in figure C1.

0. 9 1 S A M P L EE, i , , . . . .1 "o 4 12 8 / 13 71 5 1 6 1

1.0- P(xi)=

•-o.o --. - o3 / ,'i•l , ,,'

-0.75 n

0.5-

-0.5833

-0.4 167

-0.5-
-0.25

-1,0-

-1.5 - 0.0833; 3t 1 982 ~7 1
-3 -2 -1 0 1 2 3

X1

Fig. C1 Ten samples of size 6 from a normal population

This figure shows clearly that deviations from the theoretical straight line may be large.
Many methods exist to test the normality of a sample. A test that can be used for small samples is

described in reference 29.
In the following a statistic v will be considered that gived an impression of the deviations to be

expected.
A sample of size n of the variable X is normalized to

X. - m
y. = (C2)

wih~E x. (C3)with m 1: xi03
n

E(x. 04)) (~

n-1

The normalize-t values of the ten s.,mples of figure C1 are plottcd in figure C2.

I
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-5-.-''916/ '!1.0 SAMPLE 2

P(Xi)=
S1.0- i -0.5

-0.75
0.5

-0.5833

0
-0.4167

-0.5

-0.25
-1.0-

-0083 1 7SAMPLE
-1.5 -0.83 1 3 1 7 1 1 1 1 1 1

-3 -2 -1 0 1 2 3

yim
Yi = sM

S

Fig. C2 Ten normalized samples of size 6 from a normal population

The statistic V is defined as

,/n "0(5)
z (YI - u.)

2

n-1

In which the quantity ui is defined with
U.

1

J exp(--F ) dt n6)

For 1000 samples of size n from a population with normal distribution (1 = 0, 0 1) the statistic V was

calculated.
Values for V exceeded by 5, 10, 50 and 90, per cent of the samples are given in figure C3.

The samples of figure C1 and C2 have value3 for V between 0.17 and 0.36.

PROPORTION

0 p : 0.OS
1 p-:0.10
0 p ZO.50

0.6 LA p 0.90

0.5 0
o a •

0.4 - 1 o
a

V 0.3
0.3 o

0.2
A A A A

0.1 A
A

' I I I I I I I I I

0 3 4 5 6 7 8 9 10

SIZE n

Fig. C3 Values of v exceeded by a proportion p
of the samples
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FATIGUE ASSESSMENT OF UK MILITARY AEROPLANE03

by

J I M Forsyth

Airworthiness Division, Structures Department
Royal Aircraft Establishment
Farnborough, Hants GU14 6TD

England

SUMMARY

This paper outlines the approach to the fatigue assessment procedures used in the United Kingdom to
derive the life of military aeroplanes. It describes these procedures at all stages from the initial
-pecification of the mission profile to the monitoring of Service use. It also indicates the present
thinking on fatigue assessment procedures for fibre reinforced plastic and damage tolerant structures as
well as the latest work on loads measurement and in-service monitoring.

I INTRODUCTION

The requirements for the design of structures of United Kingdom Military aeroplanes against fatigue
are contained in Aviation Publication No 970 (AvP 970). This document consists of a number of mandatory
chapters together with associated advisory' leaflets. The leaflets relating to fatigue are currently in
need of revision. In this circumstance the design procedures and practices adopted recently have been
agreed project by project, Structures Department advising the Project Directors in the light of the latest
available knowledge.

This paper deals with the procedures that are in use now for ensuring at. acceptable fatigue perfor-
mance. They provide for compliance with the mandatory design requirements and for the subsequent
monitoring of Service usage.

The fatigue assessment procedures can be considered under three general headings:-

(i) Estimation of the load spectra and hence the strc.a spectra for the various parts of the
aeroplane structure.

(2) Assessment of the fatigue performance of these parts when subjected to the estimated
spectra.

(3) Monitoring the fatigue usage of these parts when subjected to the actual service load
dpeotra and environmental conditions.

Together they form a continuous sequence through all the stages of the design, development, production and
in-service use of a project.

This paper describes the sequence in detail, and concludes by indicating the latest thinking on
damage tolerant and composite structures, loads measurement and in-service fatigue monitoring.

This paper expresses the views of the author and does not necessarily represent the official view

of the Royal Aircraft Establishment.

2 THE AEROPLANE SPECIFICATION

When a new type of aeroplane is proposed its specification includes a statement of the fatigue life
that will be required in-service. Usually this is the life that will be expected, under a particular load
spectrum agi eed with the opertoru, froi all aeroplanes of the type including those which, due to scatter
in fatigue performance, prove to be the weakest members of the fleet. For the best assurance that the
structure will be both safe and efficient it is essential for the designer to know as accurately as
possible how the aeroplane will be used. This means that the role or roles in which the aeroplane will
operate must be clearly and precisely defined. It is also essential that the definition of the roles must
be sufficiently detailed to allow accurate load spectrum estimates to be made.

The details should include:-

(1) The types of role for which the aeroplane will be used.

(2) The length of time spent in each role.

(3) The operating weights, together with armament and fuel distribution, for each of the roles.

(4) The flight profiles for each role.

(5) The number of landings.

(6) The number of cabin pressurizations.
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From this information average load spectra can be estimated, using both generaliscal design data and
information from records taken on other existing aeroplanes in similar roles.

The specification must state whether the structure is to be designed to safe-life or damage-
tolerance principles. In the latter case tne specification needs to include the servicing intervals upon
which the damage-tolerance inspection schedute can be based.

Inevitably in the course of service the weight of the aeroplane increases and changes of usage occur.
Generally some allowance for these eventualities is made in the design but often the changes are more severe
than the designer coull anticipate.

3 FATIGUE CLEARANCE PHILOSOPHY

The general philosophy for lifing aeroplanes in the UK is that the weakest member of the fleet shall
have a low probability of failure during the specified life. This is attained in practice by dividing
either the calculated or the test life by a factor of safety, to obtain a service life within which there
is a low statiqtical probability of failure. In service, checks are kept on the usage by means of a
fatigue meter to determine the fatigue life consumed in any period of operation. This philosophy is
vindicated by the acceptable standard of safety that has been achieved over a period of many years.

3.1 Factors

Analysis of structures tested under variable-amplitude loading has shown that, when the mean life

demonstrated by test is reduced by a factor of 3*, a probability of failure about 1/1000 is achieved.
This is the factor that has been adopted to be applied to the life of the major fatigue test specimen.
When individual parts are tested a factor of 5 for one test, or a lower factor for more than one test, is
.'equired.

Analysis of many tests on structural features has shown that, as an alternative to the use of a
factor on life, the same probability of failure in service may be achieved by using a different factor to
reduce the stresses. The strength factors are 1.4 for steels and 1.6 for aluminium and light alloys when
six specimens are tested; larger factors are required if fewer than six tests are done. These factors
accotirt for scatter in fatigue strength and uncertainties in the stress analysis.

To cover the uncertainties caused by differences in loading from aeroplane to aeroplane in a fleet
and by the determination of fatigae life by calculation only, extra factors are used. To allow for
differences in loading a factor of 1.5 on life or 1.2 on strength is used. (If loads are monitored in-
service, or are naturally limited, then this factor is omitted.)

If the life is to be determined by calculation alone then the life is reduced by a further factor of
at least 2. In the case whore a strength factor is to be used to determine a calculated life, a total
factor of 3 is used.

All factors are continually under review.

3.2 Usage Monitoring

All UK military aeroplanes are fitted with fatigue meters. These instruments count the number of
exceedences of particular levels of normal acceleration, measured at the centre of gravity of the aeroplane.
As they record only centre of gravity acceleration they are of no direct value in assessing the fatigue
damage due to any asymetric manoeuvres. However they do enable an estimate to be made of the aeroplanes,
usage.

After every sortie a formula is used to estimate the total fatigue life that has been consumed by
each aeroplane. There may be more than one formula for a particular aeroplane, to take care of different
st•-vctural features. The counts of normal acceleration at the various 'g' levels are multiplied by
ca ficients derived from the results of the fatigue test and from the S-N curve for the part involved.
Ott, r coefficients and factors are used, with data from the sortie record, to take account of the ground-
air cycle, the type of role, the all up mass, stores carried etc.

4 ESTIMATION OF LOAD SPECTRA

The loads that make up the load spectra for any particular type of aeroplane arise from several
sources. These can be listed as:-

(1) Gust loads due to atmospheric disturbances.

(2) Manoeuvring loads in flight.

(3) Loads on the ground due to taxying, take off and landing.

(4) The ground-air cycle.

(5) Cabin and fuel tank pressurization.

(6) Other loads.

These sources will affect different types of aeroplanes in different ways . If the damage caused by loads
from one source is a very small proportion of the total damage then this source would be ignored in the
design calculations. For example gust loads on a large aeroplane with a relatively low wing loading can
be as great as the manoeuvre loads and therefore will cause a significant amount of fatigue damage. On the
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other hand the damage caused to a high speed, high-wing-loading type of aeroplane by gust loads is small
compared to that caused by the manoeuvring loads, and for design purposes the effects of gust loading are
often ignored.

For design purposes the load spectra are estimated from previous load measurements from similar
types of aeroplanes used in a manner similar to that expected for the new design. As the design develops
and instrumented pr.totypes fly then load measurements made on these aeroplanes allow the data to be
refined.

Considering now the various load sources.

4.1 Gust Loads

- are derived from the flight profiles defined in the aeroplane specification. The numbers and
magnitudes ýf gust loads are normally estimated in terms of the acceleration at the centre of gravity of
the aircraft, using rigid body theory to derive the structural loads. In the case of large aeroplanes
some allowance is made for structural flexibility. The fin is treated in a similar manner but an
arbitrary factor of 3 is applied to the gust frequencies to cover all gust and manoeuvre cases, including
the Dutch roll. The tailplane is designed on the balance loads with allowance for overawing loads during
manoeuvres. The gust loads are highly significant on aeroplanes with a low wing loading where such loads
contribute to a large proportion of the total wing fatigue damage.

4.2 Manoeuvre Loads

In general, manoeuvre loads on the wing and fuselage are derived from counting accelerometer records
.r'om comparable aeroplanes, which are analysed to obtain load spectra for each particular sortie type. As
the counting accelerometer records only accelerations normal to the flight path, any asymmetric manoeuvres
are not fully represented. Some account must be taken of such manoeuvres and generally rate-of-roll infor-
mation is used to estimate the asymaetric loads. Tailplane loads have, in the past, been derived by
considering the Lail forces necessary to produce the various normal acceleration excursions at the centre
of gravity of the aircraft. In general it has boon found that such loads are about tw.ce the balance loads.

Loads from this source contribute the major proportion of the fatigue damage to fighter, strike and
advanced trainer aeroplanes.

4.3 The Ground-Air Cycle

The ground-air cycle is defined as the range through which the load on a part varies during a sortie.
The ground-air cycle for a typical large aeroplane, expressed in terms of the normal acceleration at the
centre of gravity, might extend from -0.3 g to +2.3 g. Account needs to be taken of the aeroplane con-
figuration when the load range in a part is assessed. For example, take-off flap may induce higher loading
in the rear spar area of large aeroplanes than at other times in the flight. Such loading is particularly
likely at relatively low airspeed and high fuselage weight during a rolling pull-up turn. Ground-air
cycles contribute the major portion of the fatigue damage in transport and strategic bomber aeroplanes.

4.4 Ground Loads

Loads produced during taxying and during the take-off and landing runs can be large enough to cause

fatigue damage. Generally these loads are of significance only to the undercarriage and the attachment
fittings but in large-span aeroplanes, especially those where the undercarriage is close to the fuselage,
large amounts of fatigue damage may be caused to the upper surface of the wing. In such cases the inertia
loads caused by engines and fuel in the wings can be particularly damaging to the centre-section top skin
during take-off.

4.5 Other Loads

These are mainly associated with auxiliary parts such as flying controls, flaps, airbrakea etc. In
these instances the local loading must be taken into account in the fatigue design. Another source is that
of acoustic ncise. This can produce fatigue-damaging loads by resonance at high frequencies. Unsupported
panels are prone to this kind of damage.

4.•6 Analysis

Once all the fatigue loads spectra have been estimated they are converted into stress spectra and a
fatigue life is calculated for each part of the design. The stresses in fatigue-sensitive areas are
calculated from the 'g' exceedences of the load spectra. As the desigr progresses and prototype aeroplanes
fly with instrumentation the design may be modified in the light of the loads measured under actual flight
conditj jns. It is important to know the utilization of the aircraft in some detail, because the normal
acceleration at the centre of gravity must be associated with the aircraft mass and the flight conditions
to obtain the correct stresses in the various parts.

5 ASSESSMENT OF FATIGUE LIFE

5.1 Initial Assessment

From the stress spectra and the S-N curves an initial assessment of the fatigue life of the aero-
plane is made with the aid of Miner's Rule. The S-N data used by the due1gwit aie often obtained fr.. test
data on previous designs. If the design is a novel one and no relevant data exist then recourse is made to
general information on the properties of materials. Then due allowance must be made for the various
differences between the basic material and the component, eg stress concentrations, fretting etc. When
calculation shows that a part will barely have sufficient safe life then fatigue tests are done as part of
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the process of development to check the calculation. Such tests are preferably done under a realistic
loading spectrum and may be done on a flight-byf light basis.

[ 5.2 Component Tests

Following the initial assessment of the fatigue life, critical areas of the structure wiIl have been
identified. Components or parts of the structure embracing these critical areas should be teeted in order
to gain confidence in the overall design.

5.3 Assignment of a Provisional Service Life

By the time ti.at the first aeroplane enters service some development flying and component testing
will have been done. it ig unlikely that the major airframe fatigue test will have been completed. in
order to safeguard the development and early service aeroplanes a provisioral life for the airframe has to
be assessed. This will as obtained by calculation based on the component fatigue tests so far obtained,
using the best available S-N curves and an average load sreotrum for the sortie or sorties expected to be
flown. From these calculations a pean life will be obtained. Because of the lack of a major fatigue test
to prove the validity of the fetigue calculation, allowance for this uncertainty is made by applying a
factor of safety. This factor has to cover not only the uncertainties in the stressing and calculation of
life, but also the scatter in the material properties as well as usage differences from aeroplane to
aeroplane.

6 FULL SCALE FATIGUE TMT

There are many difficulties in mnking accurate assessments of the behaviour of structural components.
The main causes of inaccuracies are the difficulties of identifying the critical features and determining
the local load distributions within the omponents. For this reason it is now accepted that a fatigue test
of a complete airframe is necessary to give confidence in the calculations and to show up any shortcomings
in the assessment of the critical &reas.

Normally the Test Specimen is an early production airframe to ensure that it is comparable with all
the service aircraft. The test load spectrum is derived from a knowledge of the anticipated utilization of
the aircraft and from load measurements made in development flying.

It is generally considered that all major loading actions should be represented in a fatigue test to
obtain a reliable determination of both where and when the airframe is likely to suffer damage. The loads
in the spectrum should be arranged in a realistic sequence so that the loading can be applied to the test
specimen on a flight-by-flight basis. Within each 'flight' the gust and manoeuvre loads are applied in a
random pattern unless there are known reasons why it is not appropriate to do so. On trainers, for example,
it is acceptable to apply 10 to 12 set sequences of maroeuvre loads.

The test loads are normally the average loads expected to be experienced by all the aircraft in the
fleet in their life-time. To cover manufacturing tolerances, variations in material properties and
uncertainties in stressing, together with variatilons in usage, the test is continued for at least 5 times
the specified life.

7 SERVICE LIFE

AvP 970 allows the designer the choice of designing the aeroplane to have either a safe-life or a
fail-safe structure. The definition of fail-safe as given in AvP 970 is a structure which retains, after
initiation of any fracture or crack, sufficient strength and stiffness to allow operation of the aeroplane
with an acceptable standard of safety until the damage will be detected by inspection. To date no British
Military aeroplanes, other than civil aeroplanes adopted for Military use, have been designed to have a
fail-safe structure. However, in service many, if not all, aeroplanes are to a greater or lesser degree
operated on a fail-safe basis. To understand how this system is operated it is best to consider first the
manner in which the safe life of the structure is assessed.

During the test on the full-scale airframe various failures occur under the test load spectrum.
These failures have to be related to the load spectra for the various service roles. To determine what
service life shall be given to a particular area that has failed the following procedure is used:-

a. The S-N curve for the particular feature is adjusted, by multiplying the stresses by a
factor, until the calculated life under the test load spectrum equals the test life to failure.

b. Using this adjusted S-N curve, the life in each of the various roles is calculated using
Miner's Rule. The same curve is also used to determine the coefficients to be used in the fatigue
meter formula.

o. The lives for each role are now factored to take account of scatter in fatigue performance.
Generally for the airframe the number of load applications during the specified life is low enough
to allow the use of a factor on life.

d. If the loads are not to be monitored in service then the further factor on life or on
strength is required.

Those components with a safe life greater than the specified life will be treated on a safe-life
basis. However, there are likely to be parts that will fail before the specified life of the aeroplane is
consumed. Also there are likely to be failures in service which were unpredioted and not found during the
full-scale fatigue test. Such failures will be assessed when they occur, to determine whether they can
meet the fail-safe criterion or must be treated as safe-life items. This will entail fractuie-mechanics
calculations to estimate the growth of the largest crack that may remain undeteoted at the failure point
under the stress sknctrum associated with the failure area. Also crack propagation tests may well be done
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on representative specimens, or may have been done on the full-scale fatigue test specimen, to assist in
the determination of the inspection frequency. The operator will be consulted on these matters as he may

prefer to replace components at regular intervals rather than inspect much more frequently.

At the end of the fatigue test the specimen is subjected to static-loading to determine its
residual strength. Such a system has been found to worn reasonably well and it is with this system of
life assessment that the factor 3J is used.

8 FATIGUE MONITORING IN SERVICE

The monitoring procedure is described in paragraph 3.2. It enables the total life consumed and the
rate of life consumption to be determined for each individual aeroplane. At appropriate stages lifed
items can be changed and inspections for particular failures can be initiated.

Some areas, for example the tailplanes, are not covered by such monitoring. In these instances the
life is normally assessed by counting the number of hours flown.

When an aeroplane which usually carries a fatigue meter is flown without one, the life is assumed
to be consumed at 1.5 x the average rate of consumption prior to that flight.

The measurements of normal acceleration are made at the centre of gravity and hence do not record
asymmetric manoeuvres adequately. Allowance for asymmetrical manoeuvres must thus be made without the aid
of a direct monitoring system.

It can be seen that though the present method does give a large gain over unmonitored aeroplanes it
leaves much to be desired in asymmetric flight. Also it does little to assist in the assessment of the
true magnitude of the ground-air cycle. More advanced systems are needed to cover such requirements.

9 FUTURE DEVELOPMENT

This paper has dealt with the procedures for fatigue assessment of aeroplanes as presently
practised in the UK. It has shown also certain deficiencies in various areas. The difficulties in the
work of life assessment are well known a.,'" here is a continuing need for more knowledge in all the fields
associated with this assessment. To conclude this paper it would seem appropriate to look into the near
future to see what changes are likely to occur.

AvP 970, particularly the section on fatigue life assessment, is under active review. New require-
ments are in draft form covering the clearance of structures incorporating fibre reinforced plastic
materials. Because these materials are sensitive to changes in their environment, particularly moisture,
the major fatigue test may need to be more complex. The present indications are that composite structures
have higher variability of fatigue life than metal structures. Because of this the major fatigue test is
unlikely to give as great an assurance of performance for the composite parts as for the metal parts. It
seems likely that the major fatigue test will be used to life the metal parts, and the composite parts
will be cleared by element and component tests. Whether or not environmental conditions are applied to
the major fatigue test will be a matter for debate. Clearly such measures would reduce the uncertainties
of the test but any advantages will need to be weighed agtinst the increased effort and cost. Such
environmental conditions would however have to be applied to the element teiting and possibly to the
component testing.

New requirements axe also being drafted for the design of damage-tolerant structures. Whilst these
are broadly in agreement with the damage-tolerance concepts introduced in the US Mil Specs they differ
from the US requirements in that they retain the requirement for the safe-life factor to be demonstrated.
This is essential if unforeseen critical features are to be found with the usual degree of confidence.
Inspectable areas where failures occur before completion of the full-scale fatigue test can be treated on
a damage tolerance basis that has much in common with our present fail-safe approach. Uninspectable
structure, however, does not have this option available and the life will be governed by the safe life
shown by test.

It is envisaged that our design of future aeroplanes will be governed by both the 'composite' and
the 'damage tolerance' requirements. For composites, compliance is likely to be demonstiated by a static
strength test (covering early Service usage) followed by a major 'fatigue' test (possibly under environ-
mental conditions). This major fatigue test may involve a factor on life together with a factor on loads
to cover scatter in fatigue properties of composites. Following completion of the fatigue test, during
which some parts may need to be repaired or replaced, the residual strength will be demonstrated.

In the field of loads measurement and analysis it is now generally accepted that the range-mean-
pairs or rain-flow analysis is the optimum method. This background work is of great importance in the
selection of future in-flight fatigue monitoring systems.

As mentioned earlier there are well recognised limitations to the present system of fatigue
monitoring. Some method of assessing the fatigue loads on all the main units of the structure is needed.

One approach is to measure the loads and flight parameters under operational conditions on a few
fully instrumented aeroplanes. These data are 'hen analysed using statistical regression techniques to
give load equations containing terms in all the flight parameters. Measurements of these parameters only
on all aeroplanes then provides a means of load monitoring for fatigue life purposes.

Another method of monitoring entails the use of strain gauges on every major component on the
aircraft. These gauges are lo•ated in carefully selected areas, well away from local stress concentrations.
Records from these gauges then enable the loading to be found directly.

so
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In both of these methods the signals would be fed into microprocessors in the flight data processing
system. In this equipment the signal peaks and troughs are recognised and are converted into a range-mean-
pairs matrix. Software development on microprocessors has achieved a capacity to handle a number of
channels simultaneously and in real time. It is expected that there would be simultaneous monitoring of
fror. 8 to 16 channels at 16 to 64 samples per second each from different areas located over the whole
airframe.

From the range-mean-pairs analysis the fatigue damage at each sensitive location near the strain
gauge installation can be assessed by using the S-N curve for the feature and Miner's Rule. There is a
strong lobby to have this calculation done by the in-flight data processor and to give a read-out of the
life consumed for each channel on each flight. This requires a different programme for each sensitive
location. This is acceptable only where the fatigue tests are complete and the position of the S-N curve
is established, as any large changes in the S-N curve podition will invalidate all data and require re-
programming of the load monitoring device. In the real world these criteria are unlikely to be satisfied.

1.4
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SUMMARY

This paper summarizes the principal results from the American Helicopter Society
(AHS) Specialists' Meeting on Helicopter Fatigue Methodology held in St. Louis, MO, on
March 25-27, 1980. The meeting was divided into six sessions. There were four general
sessions representing the four essential elements of fatigue methodology--usage spectrum,
flight loadings, component testing, and life calculations. In addition, an opening
session included a keynote address and a review of the fundamentals, while a panel
discussion on the last morning discussed the feasibility of standardization of helicopter
fatigue methodology. A highlight of the meeting was the presentation of the manufacturers'
fatigue methodology based on a calculated fatigue life of a hypothetical helicopter
component.

The meeting served as an excellent forum for the exchange of information in a field
of interrelated disciplines. While considerable participant feedback on the meeting has
been obtained, this AGARD meeting presents a further assessment of the status of heli-
copter design.

INTRODUCTION

Helicopter fatigue methodology has been well defined in each helicopter company for
many years, as commercial and military helicopter development couldn't have proceeded
without it. However, the exchange of methodologies and fatigue information between
companies has almost been nuoexistent. There are several reasons for this situation.
First, each company is liable for its own products so that a company proprietary exists.
Second, since helicopter fatigue methodology encompasses several disciplines, there are
usually only a few engineers in each company who understand its full application. Third,
the variation in methods appears small and is not perceivable to all involved.

The large differences in fatigue lives caused by small variations in life determination
methods were highlighted by the reference 1 study. The observations and conclusions drawn
from the results of calculations of this study are summarized in Table 1. Further aware-
ness came as a result of the US Army's UTTAS and AA! Development Programs. Each of these
programs had two nompeting helicopter companies so that the US Army had the opportunity
of assessing and comparing the fatigue methodologies of four companies. In recent years
there have also been several composite blade development programs where fatigue method-
ologies could be reviewed. Reference 2 summarized these experiences of the US Army and
called for a reexamination of the needs and objectives in determining fatigue lives. It
also stated that the materials, equipment, tools and knowledge are available to develop
a standardized method of establishing fatigue lives of dynamic components. The primary
objective of the standardized method would be to eliminate excessive conservatism and
consequently reduce the cost and weight of dynamic components without compromising safety.

With this background, the American Helicopter Society decided to proceed with the
Specialists' Meeting on Helicopter Fatigue Methodology. The agenda for the meeting is
presented in Table 2. The objective of thp meeting was not only to bring together the
fatigue specialists of industry and Government, but also to attract specialists of the
various other disciplines interrelated with helicopter fatigue methodology. This included
the helicopter operators, as they have the greatest understanding of how the helicopter
will be operated once it is fielded. For this meeting, the US Army represented the heli-
copter operator. The US Army is fortunate in that it has just about every category of
helicopter in its inventory, e.g., attack. cargo, scout, and utility. Since the usage
spectrum is somewhat different for each of the.e categories, and is continually changing
with new tactics, each representative from the US Army user community was asked to discuss
the past, present, and future spectrums of each type helicopter. These presentations
made up the first formal session of the meeting.

Session II was devoted to Helicopter Flight Loadings since these are the sources of
the series of stresses that result in structural fatigue and form the complex helicopter
dynamic environment. The sequence of the papers in this session was chronologically
aligned with helicopter life calculations. The first paper d.,alt with helicopter rotor
load predictions while the second and third papers dealt with the flight load survey and
how data is acquired and interpreted. The final session paper discussed a flight condition
recognition technique currently being evaluated on US Army operational helicopters to
determine actual usage.
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The third session dealt with component fatigue testing. Since rotor blades, controls,
and drive system components have their own peculiarities with respect to fatigue testing,
a paper was sought addressing each item. Additionally, with the large influx of composite
materials into helicopter design, several papers were requested to discuss composite
component testing.

Session IV was planned as the highlight of the Meeting. For this session, a means
was sought which would allow each helicopter manufacturer the opportunity to apply its
own methodology to a common fatigue problem. A hypothetical pitch link with given flight
loads and component fatigue test results was chosen as a means of keeping the problem
simple while simultaneously illustrating the differences in calculated lives due to various
methodologies.

S

On the final morning of the meeting, a panel discussion on standardization of heli-
copter fatigue methodology was conducted. The purpose of this panel discussion was to
summarize the meeting and determine if steps toward standardization were feasible and
acceptable to the industry and government participants. The remainder of this paper will
survey the results of each session and draw conclusions and recommendations.

OPENING SESSION

The Opening Session consisted of a keynote address and a review of the fundamentals
of helicopter fatigue life determination. In the keynote address, the Speaker gave an
excellent overview of the history of fatigue, its application to both fixed and rotary
wing, and the technical management system called fatigue methodology. Having served as
the Chief Structural Engineer at three different aircraft companies, he was able to draw
on numerous individual experiences to highlight his presentation. The review of funda-
mentals presented by the second speaker in this session set the format for the meeting
and helped to familiarize individual specialists with all aspects of fatigue life deter-
mination. A simple life calculation for a rotor blade root end section was used for
illustrative purposes.

SESSION I--ARMY HELICOPTER MISSION SPECTRUMS (PAST, PRESENT, FUTURE)

Representatives from the US Army's Training and Doctrine Command (TRADOC) presented
typical helicopter mission spectrums for four categories of helicopters. Past, present,
and projected future missions were considered. The emphasis from the Attack Helicopter
Presentation was that we must design our machines for the most stringent future profiles.
It was also stressed that the user and designer must work together. The user must strive
to describe realistic combat environments to the designer, and the designer must describe
realistic and economical design points. The theme derived from the Cargo Helicopter
Presentation was that the enemy threat has driven u. to provide more maneuverable cargo
systems which must be able to effectively work both day and night. A challenge was
issued to the designers to develop logistical helicopters and cargo acquisition systems
which reduce their vulnerability and simultaneously increase productivity.

In the presentation, "Evolution of the Aeroscout," a description was provided of how
scout helicopter tactics were developed in Southeast Asia with the OI-6A. Quick stops,
sideward and rearward flight, and rapid pedal turns occurred frequently but had not been
encompassed in the manufacturer's design criteria.

During the Utility Helicopter Presentation, emphasis was again placed on designing
for the most severe combat conditions. Future missions for the utility helicopter were
described as, "quick, of short duration, very abrupt, and with high exposure to the very
worst elements of combat."

There is no doubt that military helicopters in all mission categ dies must be designed
to perform a variety of jobs, for long periods of time, under combat conditions. Therefore,
the usage spectrum in modern military helicopter specifications is particularly severe.
A logical question is whether fatigue lives based on these wide spectrums should apply
in peacetime? If not, can fatigue lives be safely extended? An examination of this
question was a primary purpose for this Meeting.

SESSION II--HELICOPTER FLIGHT LOADINGS

The prediction, measurement, and understanding of helicopter flight loadings have
improved considerably in the last decade. Prior to this time, standardization of heli-
copter fatigue methodology could not have even been considered. During the presentation
on Helicopter Rotor Load Predictions, emphasis was placed on the importance o± including
unsteady aerodynamics, rotor wake, and an accurate definition of rotor blade ajrfoil
pitching moments in the simulation modeling. A previous empirical design approach was
compared with the current analytical design approach to demonstrate the resultant improve-
ments.

The importance of the Flight Load Survey was clearly defined in the second paper of
this Session. Table 3 is a reproduction of Table A from this paper and illustrates it
as the focal point for all other development testing. The benefits and importance of
modernized data acquisition and reduction systems were expounded in this paper as well
as the subsequent presentation on Flight Test Data Acquisition and Interpretation. In
the latter presentation, it was stated that the computer age has opened the door to opti-
mization of data handling. It was also emphasized that the point has now been reached

111 1 0
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in flight test data analysis where the fatigue methodology should no longer be constrained
by limitations in the handling of flight load survey data. With the advent of these new
data systems, the statistical nature of -light loads can easily be accommodated. As a
result, a rational approach similar to that which has already been applied to fatigue
strength can be provided for flight loads in fatigue methodology.

The presentation on Force Determination demonstrated an innovative approach to
assessing helicopter loads and response through the calibration and subsequent measurement
of only fixed system parameters. This method has the advantage of providing a better
understanding of helicopter flight ljadings and how they interact throughout the airframe,
as well as reducing the qost and unreliability of slip rings and rotating instrumentation.

The final presentation aurin; Session II, Flight Condition Recognition (FCR), dealt
with a cost effective method of tracking the accumulation of fatigue damage on criticd•l
helicopter dynamic components. The Structural Integrity Recording System (SIRS) is being
developed by the US Army Aviation Research and Development Command to permit monitoring
the usage spectrum of each helicopter. Success of this technique could do much to reduce
cost in the acquisition and life cycle of fatigue critical components. Standardization
and a better understanding of fatigue methodologies would do much toward implementation
of a successful FCR technique.

SESSION III--COMPONENT FATIGUE TESTING

Component fatigue testing is an art in itself. Each helicopter company has developed
its own techniques. As was wentioned in the Introduction, presentacions in t),s Session
were made on fatigue testing of a drive system component, control component, and rotor
blade. Additionally, several papers were presented on the impact of fatigue testing of
composites and how to detect and identify modes of failure. An overview of the Advanced
Attack Helicopter (AAH) Fatigue Testing was also presented. Many excellent presentations
were given during this Session, and the reader is encouraged to review each of the indivi-
dual papers in this Session.

SESSION IV--FATIGUE LIFE PREDICTION

As stated in the Introduction, Session IV was planned as the highlight of the Meeting.
It was also noted that the varie.tions in helicopter fatigue methodologies between companies
appear small and are not perceivable to all involved. To ask each manufacturer to present
a general ovezview of his methodology would have masked the subtle differences which
have a major impact on calculated lives. For these reasons, it was determined that the
most effective way would be to request each manufacturer to calculate the fatigue life
of a hypothetical helicopter component.

The component chosen was a main rotor pitch link which typifies one of the simpler
helicopter fatigue problems. Further simplification was included in the problem and is
summarized in Table 4. Interpretation of flight loads, S/N curve shape reductions from
the mean, notch factor, stress ratio or Goodman corrections were left to the discretion
of each participant. Statistical distribution of material allowables or flight loads
were to be based on the participants' e:xperience with similar materials and/or aircraft.
It was hoped that the problem had not been oversimplified to the point of obviating the
significant differences in calculated fatigue lives experienced previously.

Seven manufacturers made presentations with variations in calclilated fatigue lives
from 9 to 2594 hours based on peak loads and from 58 to 27,816 hours based on cycle-
counted leads. Comparison of several parameters, as shown in Table 5, provides some
insight into the large differences into calculated lives. The mean loads for the S/N
curves varied between ± 2024 pounds to ± 2200 pounds which illustrates some differences
in the S/N curve shapes utilized. The endurance limits established varied from ± 1225
pounds to ± 1722 pounds which illustrated a large variation in teduction factors due to
the different statistical treatment of the component strength data. A good summary of
life as a function of reduction factor is illustrated in Figure 1 from Reference 3.
This plot clearly shows that fatigue lives are significantly impacted by the reduction
factor desired or required. A final parameter that illustrates a large variation is
the ratio of cycle counted life to peak load life. These ratios varied from 1.96 to
17.40 which emphasizes that cycle counting methods have a significant impact and that
they vary considerably between manutacturers.

The American Helicopter Society is extremely grateful to the seven manufacturers who
participated by calculating fatigue lives fox the hypothetical component. There is no
correct solution to the problem. The authors feel that all solutions are conservative,
and it is the level of excessive conservatism that we are seeking to understand through
open and frank discussion.

PANEL DISCUSSION ON STANDARDIZATION OF HELICOPTER FATIGUE METHODOLOGY

A standard as defined by the American College Dictionary is "anything taken by general
consent as a basis of comparison; an approved model." The purpose of the panel discussion
on standardization of helicopter fatigue methodology was to see if the "general consent"
was present so that an "approved model" of helicopter fatigue methodology could be estab-
lished. Members of the Panel represented most of the formal helicopter certification
authorities in America, e.g., the Federal Aviation Administration (FAA), the US Navy,
and the US Army. The manufacturerb were represented formally by a panel member and
informally by open discussion from the audience.



34

In the opening presentation, it was stated that the FAA has attempted to attain
standardization by publication of the policy in itt Federal Aviation Regulations (FARs)
and Advisory Circulars (ACs). Unlike the speciftc guidelines given in Civil Aviation
Manual (CAM) 6, Appendix A, the new FAA policy st.esses the applicant meet minimum
standards of airworthiness while encouraging higher ctandards. "These higher standards
are dependent on the applicant's or his prospective customer's objectives."

In the past, the US Navy'has provided much leadership in the area of helicopter
fatigue. An attempt to establish a standard helicopter fatigue methodology for US Navy
evaluation is presented in Reference 4. An interest to assist in future standardization
was evident in their presentation. The US Army's view was a reiteration that standardi-
zation would be advantageous and should be sought in areas of "general consent."

The manufacturers' view was expressed, both in the formal presentation and from the
manufacturers in the audience. While most thought that some form of standardization
would be beneficial, there was much concern that standardization would restrict engineering
judgment and provide unnecessary constraints. As the open discussion continued, a
general consensus was reached that there are many areas of helicopter fatigue methodology
that can be standardized and, in view of the large differences in calculated fatigue lives
for the hypothetical component, that exchange of information among fatigue specialists is
essential. One manufacturer's view of what could be successfully standardized is presented
in Table 6.

There were several views expressed on how the standardization of helicopter fatigue
methodology could be accomplished. One view is that a technical committee or working
group of Government and industry fatigve specialists be formed under the auspices of AGARD.
The working group would outline, by priority, the elements of helicopter fatigue method-
ology that should be standardized and would meet periodically to review and approve the
work accomplished.

Another view expressed, and one which appears to be favored by industry, is that an
independent council on helicopter fatigue be established with no particular affiliation.
The American Aerospace Flutter and Dynamics Council was cited as an example of an existing
independent working group made up of technical specialists. The Council meets periodically
behind closed doors and exchanges technical information that is not documented formally
for the public domain. Many specialists agreed with this approach in view of the lia-
bilities associated with in-flight component fatigue failures and the reluctance to docu-
ment individual problems publicly. It is suggested that Round Table Discussion during
Session VI of this AGARD Meeting discuss the merits of fatique methodology as well as
means of implementation.

CONCLUSIONS AND RECOMMENDATIONS

The excellent presentations given, the open and frank discussion that accompanied
them, and the positive feedback that has been received since the Meeting indicate that
helicopter fatigue methodology was a worthwhile and interesting topic. The following
are the significant conclusions drawn from the Meeting:

1, A statistical treatment of flight loads as well as fatigue strength is now
possible and should be included in helicopter fatigue life calculations.

- 2. The uncertainties of usage spectrum can never he comptetely eliminated but
can be improved by close coordination between the user, developer, and
manufacturer during the design process.

3. Standardization of some areas of helicopter fatigue methodology are highly
desirable and a means of implementation should be defined.

4. The exchange of helicopter fatigue information and experiences among
fatigue specialists is highly desirablo provided necessary proprietaries
are observed.

While the emphasis in this paper has centered on US involvement in the standardization
of helicopter fatigue methodology, its universal application was evident by the inter-
national participation at the AJIS Specialists' Meeting. The AHiS Meeting provided the
opportunity to obtain an informal consolidatud US position on standardization prior to
this meeting. In view of the conclusions stated above, it is recommended that the AGARD
Panel proceed with the development of a handbook on the fatigue design of helicopters.

MWp
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TABLE 1

t CONCLUSIONS

The following observations and conclusions can be drawn from the results of calculations
reported herein:

1. Using various treatments of the same basic data, fatigue lives have been calculated
that range from a low of 745 hours to a life in excess of 1,000,000 hours.

2. CAM-6 Appendix A, the only definitive regulation on this subject, permits sufficient
latitude that the highest of these lives would meet its requirements.

3. Flight spectrum variations involving as little as 1 1/2% of flight tire can cause
variations in calculated life as high as 46% (Case Vb.2).

4. A fatigue life determined by the "cyclic unit" method of CAM-6 was found to be 48
"times as high as that which would be determined for the same components by an S-N, cumula-
tive damage calculation. (Cases VIa and b) Operation to this higher life amounts to
the assumption of a risk of failure that is 40 times as great as that associated with
the S-N cumulative damage calculated life.

S. The sensitivity of calculated fatigue life to minute variations in critical values
of the parameters indicates that any arbitrarily selected schedule or technique may
produce a highly erroneous estimate of fatigue life.

TABLE 2

AHS SPECIALISTS' MEETING ACWNDA

SESSION PAPER N0. TITLE AUTHORS

Opening Keynote Fatigue Methodology--A Technical L. Douglas
Address Management System for Helicopter

Safety and Durability

1 Fundamentals of Helicopter Fatigue D. Schrage
Life Determination

2 Attack Helicopter Missions-- C. L. Shrader
Past, Present and Future

3 The Cargo Helicopter: A R. L. Stoessner
Logistical Vehicle R. C. Heehn

4 Evolution of the Aeroscout G. Fossum II

5 Utility Helicopters C. F. McGillicuddy, Jr.

II 6 Helicopter Loads Predictions J. Yen and M. Glass

7 Modern Techniques of Conducting B. Groth
a Flight Loads Survey Based on
Experiences Gained on BLACK HAWK

aElva
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AHS SPECIALISTS' MEET:NG AGENDA (CONT'D)

8 Flight Test Data Acquisition and C. Hutchinson
Interpretation H. Steinmann

9 Hub Force Determination and N. Calopodas
System Identification

10 Flight Condition Recognition D. Saylor
(FCR) Technique

IiI 11 Advanced Attack Helicopter Fatigue Deveaux
Testing: Overviews

12 NDE of Composite Rotor Blades R. Shufford
During Fatigue Testing W. Houghton

J. R. Mitchell
J. W. Sobczak

13 Application of Fatigue Crack H. Faust
Propagation and Strain Survey
Testing to the Cf-46 Aft Rotor
Drive Shaft

14 Environmental Fatigue Behavior M. Roylance
of Aramid Composites R. Lewis

15 Structural Testing of Composites P. Maloney
with Known Defects

16 Fatigue Substantiation of B. Stocker
Non-Linear Structures

17 Fatigue Test of the Typical J. Slack
Main Rotor Controls Component J. Cernosek

IV 18 Hypothetical Fatigue Life R. Arden
Problem

19 Hypothetical Fatigue Life G. Stievenard
Problem Application of
Aerospatiale Method

20 The Agusta's Solution of G. Aldinio
AIIS's Hypothetical Fatigue P. Alli
Life Problem

21 A Method of Determining Safe G. McCloud
Service Life for Helicopter
Components

22 Boeing Vertol Fatigue Life G. Thompson
Methodology

23 Hughes Helicopters--Fatigue J. McDermott
Life Methodology

24 Fatigue Life Prediction of C. Hardersen
Helicopter Pitch Link Using
Kaman Life Calculation Methods

25 The Challenge of Standardizing B. Altman
Fatigue Methodology J. Pratt

Panel 26 The FAA View--Standardization J. Major
Discussion of Helicopter Fatigue Methodology

27 Helicopter Fatigue Methodology J. McGinn
Standardization--The Navy's View

28 Helicopter Fatigue Methodology R. Wolfe
Standardization--The Army's
View

29 Helicopter Fatigue MethodolLvgy J. Dress
Standardization--A Manufacturer's
ViewLL-
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TABLE 3
INTERACTIONS OF FLIGHT LOADS SURVEY WITH OTHER TEST REQUIREMENTS

DESIGN ANALYSIS

LOADS IDYNAMIC ISTATICI FATIGUEJ

GROUND TEST QUALIFICATION

WIND TUNNEL WHIRL BENCH SUBSYSTEM STA

AIRCRAFT GROUND TEST

2.. POP S STEM E ýTEM E2SYNMI TAILT

4 E GN EA UST 

4.IQUALIFICATION

DEVELOPMENT 
TESTS AVO IC S

~~L F L G T E I G N T 1 ""1
FG RADARE FLIGHT LOADS SURVE FN SHINGS/UPSENVELOPE RI FICATIO BI

10.COUI STRUCTURAL TDEMONSTRATION

SECONDARY SURVEYS -7 1 SECONDARY DEMONSTRATIONS

1. ENGINE VIBRATION 1. PROPULSION/POWER SYSTEM

2, PROP SYSTEM TEMP 2. DYNAMIC STABILITY

3. ENGINE AIR INDUC 3. PERFORMANCE

4. ENGINE EXHAUST 4. FLYING QUALITIES

5. AIRFRAME VIBRATION C. ELECTRICAF SYSTEM

6. CREW ENVIRONMENT 6. AVIONIC SYSTEM

7. INFRARED RADIATION 7. nYDfrmaULIC/PNErMATIC

S. RADAR REFLECTIVITY 3. FURNISHINGS/EQUIPMENT

9. LIGETNING 9. ELECTROMAG COMPATIBILITY

10. ACOUSTICAL 1ý1. ARMAMENT/ARMOR

11. ICING 11I. EXTERNAL STORES

FLIGHTf w h p a c

TABLE 4

HYPOTHETICAL FATIGUE COMPONENT

COMPONENT DESCRIPTION: Main rotor pitch link, critical area is threaded sectionof the end fitting. Geometry, material, and heat treatment
given. MIL-IHDBK-SC referenced for material. MLIL-S-8874A

referenced for details of thread design.

FLIGHT SPECTRUM: Given and simplofied with no weight, cg, altitude or rotor
RPM distribution.

FLIGHT LOADS: Given and simplified with the assumption that each maneuver
duration is equal to the total time shown in its flight
load figure. Pitch link is only axially loaded.

COMPONENT STRENGTH: Laboratory test results of six specimens were given.
Simplifications were no runouts, all failures, and all
failures occurred at the same location.
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TABLE 5

RESULTS OF HYPOTHETICAL FATIGUE LIFE PROBLEM

MEAN LOAD ENDURANCE PEAK CYCLE COUNTED
S/N CURVE LIMIT LOAD LIFE LIFE RATIO OF

MANUFACTURER (LBS) (LBS) (HRS) (A) (HRS) (B) (B) TO (A)

A ±2176 ±1225 9 58 6.44

B ±2200 ±1673 804 13866 17.25

C ±2061 ±1722 1831 27816 15.19

D ±2106 ±1685 1294 22523 17.40

E ±2024 ±1717 2594 24570 9.47

F ±2 101 ± 1615 67 191 2.85

G ±2200 ±1500 240 470 1.96

TABLE 6

AREAS OF FATIGUE METHODOLOGY THAT COULD BE STANDARDIZED

0 Number of test specimens required

* S/N curve shapes for specific materials

0 Reduction factors for working curves or ground rules for their establishment

9 Ground rules for mission spectrum development, flight data selection and number of
data points required

0 Use or non-use of Goodman corrections

0 Selection of test steady loads

* Requirements for treating non-linear stress

* Definition and application of GAG in fatigue substantiation

0 Limitations and use of cycle counting I
* Use of runout data

* Determination of primary frequency

* Identification of new risk areas as indicated by service problems and incorporation
of new compensating factors in the methodology I

I
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FIGURE 1
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Report on Session I

SURVEY OF CURRENT PROCEDURES

by

Dr-Ing. Walter Schfatz
Ind ustrieanlagen-Betriebsgesellschaft mbH

Einsteinstrabe 20, 8012 Ottobrunn, Germany

I have to report on Session I "Suirvey of Current Procedures". Three papers were presented by Noback, Cansdalc
and Schage.

Mr Noback gave a description of the methods used for predicting the fatigue life by the various manufacturers.
In principle, they are all similar, that is. SN tests in the region of the fatigue limit are carried out, establishing a more
or less well defined mean SN-curve. Using an assumed stress spectrum and an assumed coefficient of variation, an
SN-curve for a high probability of survival is calculated. Using this as a basis, Miners rule is employed to calculate the
life under the assumed or agreed-to load spectrum, the maximum loads of which are only slightly higher than the
calculated fatigue limit at this high probability of survival due to the large number of cycles occurring. This is the
principle used by all manufacturers, and one would expect the results to be similar, however, due to the many individual
steps and the many assumptions necessary for this procedure, there are extreme difference.s between the actual lives
predicted by the various manufacturers, the example presented at the American Helicopter Society meeting and
mentioned by Messrs Noback, Dr Schage and some other speakers showed differences in life between 8 arid 27,000
hours, that is a variation of about 1.3000. After this, to me, somewhat disturbing introduction, Mr Noback made several
proposals on how to improve the present, obviously unsatisfactory situation regarding fatigue life prediction.

Mr Cansdale had been expressly asked by the Working Group to talk on the fatigue life prediction methods used
for fixed wing aircraft.

Dr Schage presented a synopsis of the American Helicopter Society meeting on Helicopter Fatigue Methodology.
Apart from the example already mentioned which showed the extreme differences in ,alculated fatigue lives, the topics
at this meeting were

- mission spectra
"- flight loadings
- component testing and, last but not least
- standardisation of helicopter fatigue methodology.

It was generally agreed that there was an urgent need for standardisation. One view was that a technical committee
or working group of Government and industry fatigue specialists be formed under the auspices of AGARD.

My personal view of the situation as presented not only by the three speakers I have reported on but also by most
other speakers and discussors is that now is the time to improve the uns.misfactory sitt,ation in helcopter fatigue life
prediction.

One big step in the right direction is the introdu%,tion of damage tolerance requirements to safeguard against battle
damage and for the occasional undetected manufacturing or service-induced flaw.

Another step, which fits quite well into the damage tolerance requirements is the necessity of spe.trum testing.
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APPLICATION OF DAMAGE TOLERANCE CONCEPTS FOR MBB HELICOPTERS

by

M.v.Tapavicia and F.Och

Messerschmitt-Bblkow-Blohm GmbH

Postfach 801140

8000 MUnchen 80, Germany

SUMMARY

The more and more pronounced tendency of modern helicopters towards higher effi-
ciency and reliability requires materials and structural designs possessing high strength
and good damage tolerance behaviour.

This paper outlines the damage tolerance methodology used at MBB for helicopters
of the BO 105 family as well as for the BK 117. One example of each type of damage to-
lerant design,realised in or developed for MBB helicopters is discussed in detail and
the design criteria for the other vital components are suiumarized.

It is shown that only a few vital components are designed according to the safe
life philosophy.

1. INTRODUCTION

Current fatigue substantiation philosophy can roughly be represented b7 the follo-
wing scheme:

FATIGUE SUBSTANIIAIION PHILOSOPHY

SAFE IFEDAMAGE TOLERANT

SAFE i CRACX

G L ROWTH

MULTIPLE TEAR
LOAD PATHS STOPPERS

Fig. I Fatigue Substantiation Philosophy

Fatigue evaluation of rotorcra~t structures has to establish that within the wor-
king life, the expectation of catastrophic failure from fatigue origins is extremely re-
mote and, additionally, the incidence of non-catastrophic cracking is maintained at a
sufficiently low level to enable economic utilisation of the rotorcraft structure to be
attained [1].

These aims have to be achieved within the framework of a minimum weight and cost
as well as a maximum performance concept. In depth knowledge of the fatigue properties of
materials and components is necessary

• in design - to avoid unsuitable construction,
• in production - to consider the effect of manufacturing technology,
* in maintenance - to implument adequate inspection.

However, the reliable estimation and prediction of a part's lifetime are still
greatly hampered by insufficient kniowledge and data concerning the fatigue and fracture
properties of materials. Furthermore, reliable mission spectra are difficult to set up,
especially as operational requiremetits of light helicopters, such as MBB's BO 105, may
vary within a broad field of operations [2]. When fatigue evaluation is based on safe-
life considerations, these uncertainties are compensated for by very conservative assump-
tions with respect to flight loads and working S/N curves.
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The more and more pronounced tendency of modern helicopters towards higher power
and improved performance, towards better manoeuverability and qualification for extreme
nap-of-the-earth flights, towards improved survivability and reliability and towards re-
duced maintenance and improved iiission availability demands materials and structural
design with high strength and good damage tolerant behaviour [3].

Guidance material and detailed requirements on damage tolerance can be found in [4]
and [5], respectively.

2. DAMAGE TOLERANCE METHODOLOGY

During design, production and maintenance of modern helicopter structures, consi-
derable effort is expended to ensure a crack-free fatigue life, without an absolute
guarantee that fatigue cracking will not occur. The structure must therefore be designed
so that should serious fatigue, corrosion, or accidental damage occur within the opera-
tional life, the remaining structure can withstand reasonable loads without failure or
excessive structural deformation until the damage is detected.

Structures can be designed in two different ways to achieve this goal, namely with
either redundant load paths or crack-arrest capability, known as "failsafe", or by en-
suring that crack propagation will be slow, known as "slow crack growth" (see Fig. 1).

Fail Safe Evaluation

The fuselage, as the major part of the helicopter structure, is usually a semi -
monocoque construction of stressed skin, stringers and frames, representing a highly re-
dundant system, where the stiffening elements act as skin crack stoppers. This structure
is generally stressed using static load cases. Full scale fatigue tests are carried out
under manoeuvre load conditions, neglecting high frequency vibratory loading, in order
to show crack-arrest capability and to provide guidance information for the maintenance
manual.

Failsafe behaviour of components may be achieved by two or more load paths. Dupli-
cate structures, where a failure occurring in one element of the member will be confined
to that element, the remaining structure still possessing applicable load-carrying
ability, or backup structures, where one member carries all the load, with a second mem-
ber available to assume the load in case the primary member fails, are used. Damage de-
tection can be achieved either visually or by a change in helicopter vibration level.

Tests are conducted on components to determine the location and modes of damage
and to establish how many of the redundant elements may fail without questioning resi-
dual strength to withstand the design limit loads. The difference between the time at
which the damage becomes detectable and the time at which the extent of damage reaches
the value critical for residual strength, will be determin.;d by these tests as a basis
of an inspection programme.

Slow Crack Growth Evaluation

Fatigue always comprises three distinct stages:

crack nucleation,
crack propagation,
rapid failure.

Crack initiation is of a statistical nature, as structures may go into service al-
ready containing cracklike manufacturing defects or just unavoidable notches, where at
the notch root a crack must first be initiated [6]. A completely reliable method for the
prediction of time to fatigue crack initiation therefore does not exist.

Crack propagation analysis, i.e. predicting the time available from damage letection
to failure of the part, is best covered by fracture mechanics. Fracture mechanics is a
discipline that relates the crack extension characteristics of a material to the part's
geometry and the applied stress. The governing parameter in fracture mechanics is the
stress intensity factor K which can be related to applied stress in the loading mode I,
which is both the most developed and the one of greatest interest, by the following
relationship

K1 = B • o (1)

where a is the gross applied stress, i.e. the stress if there were no crack, a is
the half crack length and B is a nondimensional function of crack size and structural
geometry. 0 can be derived from classical theory of elasticity and will be found in hand-
books for many crack cases.

Fracture will occur when the stress intensity factor exceeds a critical value, e.g.
KIC for plane strain conditions, which can be considered a material property called frac-ture toughness and can be determined by experiment. Fracture toughness in combination

with equation (1) leads to the conditions (crack size and applied stress) at which a
part will fail.

-, •-•.o, • .. . •, ... , , WO•R~M - • %, ' -, .. . l" 'z 'i 'r = f- lti"] "i
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To establish subcritical crack growth under fatigue loading we use the well known
Forman equation

da C . AKn

dN (1-R) • Kc-AK

A computer programme, commonly agreed within the German aircraft industry, is used
to calculate the constants C and n from the test data.

The accuracy of predictions is limited by the variability in properties and by the
unknowns in load history, therefore adequate safety factors must be taken into account.
Tests on full scale components are carried through with simulated damage, where actual
fatigue cracks could not be produced.

For structures made of composite material, fracture mechanics is not applied, up

to now, at MBB's helicopter division.

Combination of Safe Life and Slow Crack Growth Evaluation

In establishing replacement time for safe life components which exhibit slow crack
growth capability we use a combination of the safe life and slow crack growth concepts
by evaluating both the fatigue strength and the fatigue damage propagation rate. A re-
placement time and an inspection period must be assigned to these components. In the de-
termination of the replacement time a working S/N curve derived from the experimental
mean curve with a strength reduction factor is used. This factor depends on slow crack
growth capability and the detectability of an impending failure and can produce a wor-
king S/N curve anywhere between the 99.9% probability line and the bottom of scatter
line.

3. DAMAGE TOLERANT DESIGN

The BO 105 familyi.e. civil and military versions and the BK 117 show the concept
of redundancy not only in two engines and two independent hydraulic systems, but also in
the damage tolerant design of many components in the main and tail rotor as well as the
drive system, leading to a more forgiving structure in respect to poor maintenance, en-
vironmental deterioration and operating abuses. The advantages to the customer are
apparent in the form of greater safety and reliability, elimination of unnecessary com-
ponent replacements, reduced maintenance and improved mission availability of the heli-
copter.

One example of each type of damage tolerant design, present in or developed for
MBB helicopters is discussed in detail and the design criteria for the other vital com-
ponents are summarized.

Quadruple Nut

The quadruple nut is an element of the main rotor system, Fig. 2, situated in the
center of the rotor hub, used to balance the centrifugal forces of opposite rotor blades,
Fig. 3.

Fig. 2 BO 105 Main Rotor System Fig. 3 Centrifugal Force Retention System

Hitherto, the quadruple nut has been a safe life component. A damage tolerant
approach was also considered, where the design consisted of an additional wrapping of
high strength steel wires, Fig. 4, forming a second load path, as backup structure, if
the monolithic part failed.

III 1IM11 1ý 00 M-
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Tests were conducted with loads equivalent to a rotor speed of 118%. After about
5000 start-stop cycles cracks could be detected with the naked eye, as shown in Fig. 4.
Complete failure of the monolithic part was found after a total of about 13 500 cycles
and the wire started to fail after an additional 16 000 cycles (Fig. 5).

4

Fig. 4 Cracks in a Quadruple Nut Fig. 5 Fatigue Tested Quadruple Nut

A failure of the primary part would be immediately indicated by the vibration
resulting from the unbalance caused by the blade moving outboard until the wires, as
the secondary load path, fully reacted the centrifugal force. In tests we measured a
radial displacement of about 2 mm at 100% rotor speed.

Tail Rotor Drive Shaft Coupling

The tail rotordrive shaft couplings transmit the tail rotor torque and balance
angular and longitudinal misalignments of the drive shaft. The coupling consists
of 12 steel laminates packed between a pair of titanium adapters (Fig. 6), and represents
an example of simultaneous multiple load paths.

Under normal environmental conditions these couplings together with the adjacent
components provide sufficient static strength and an unlimited life time. To establish
inspection periods under an adverse environment we conducted fatigue tests in a salt
water atmosphere, Fig. 7, 8.

rig. 6 Tail Rotor Drive Shaft with Disassembled Fig. 7 Salt Water corrosion Fatigue Test Set-Up
Couplings

Both constant amplitude torque tests and flight-by-flight load history simulation
show that the remaining structure possesses sufficient load carrying ability when 4 lami-
nates out of 12 have failed. An inspection period of 1200 flight hours was found to be
adequate even with a corrosive environment.
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[

Fig. 8 Coupling Failed in Corrosion Fatigue Test

Main Rotor Shaft

The main rotor shaft or transmission output shaft is joined to the rotor hub with
a multiple stud and bushing connection. Due to the hingeless rotor system of the BO 105
and BK 117 the shaft is highly loaded in bending with the critical section in the con-
necting flange.

The damage tolerance method used is that of slow crack growth, performed by
highly pure steel (Bdhler Stern NMH) with a fracture toughness of KIC - 4500 Nmm ý/2.

Tests to show the damage tolerance behaviour have been carried out with ballistically
impacted and artificially notched specimens (see Figs. 9, 10, 11).

Fig. 9 Main Rotor Shaft Fatigue Testing Set-Up

Fig. 1O Ballistically Impacted Main Rotor Shaft Fig. i1 Artificially Damaged Main Rotor Shaft

Spectrum tests revealed a very low crack propagation rate. After more than 9 million
cycles with elevated loads the crack of the artificially notched specimen had propagated
as shown in Fig. 12, but the full loads could still be reacted.

- f ' - ' ~
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Fig. 12 Crack in an Artificially Notched Rotor

Shaft

Main Rotor Blade

The main rotor blade, Fig. 13, is of glass fibre composite (GFC) with a PVC foam
core. There is a titanium erosion protection strip on the aerofoil section and a lead
balance weight. The root end of the bl~ade is potted into a titanium attachment fitting.

Fig. 13 BO 105 Main Rotor Blade

The spar, made of unidirectional GFC, reacts centrifugal load and bending. The
skin, made of glass fabric with a fibre orientation of i 45 , reacts torsion and chord-
wise bending.

As a single fibre failure does not influence the surrounding fibres, composites
may be regarded as highly redundant systems. Cracks normally propagate parallel to the
fibres. If there are layers with different fibre orientation, cracks will not propagate
from one layer to the other. Thus composites show good crack-arrest capability and very
low crack propagation rates.

Damage tolerant behaviour of the main rotor blade was demonstrated on artificially
notched blade skin areas (Fig. 14) and ballistically impacted blade sections (Fig. 15).

Fig. 14 Artificially Notched Blade Skin Fig. 15 Ballistically Impacted Blade Root End
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The blade ski" area was loaded to ± 0,4% strain and showed, uo to about 60 million
cycles, only a minoi enlargement of the delamination, seen in Fig. 14,and did not change
furt.aer with more than 100 million cycles.

The ballistically impacted blade root end was loaded by simulated flight loads
for more than 7 million cycles without any damage propagation [7]. Fig. 16 shows the
cross-section of this damaged part.

Fig. 16 Cross-Section of Ballistically Impacted
Blade Root

Another blade was ballistically impacted in the Aerofoil section near the leading
edge (Fig. 17). Subsequent bending fatigue testing with 2 million cycles at an alterna-
ting surface strain of ± 0.06% showed no damage propagation.

Fig. 17 Ballistically Impacted Aerofoil Section Fig. 18 Cross-Setion of Ballistically Impacted
Aerofoil Section

4. CONCLUSION

Although a conventional safe life design approach is normally considered suffi-
ciently safe and reliable, the damage tolerant approach is already widely used. Addition•-
ally, damage tolerant solutions are continuously sought for MDB helicopters. Most of the
vital components may already be safely operated "on condition", i.e. without definite
replacement times.

The following damage tolerant parts are used in the BO 105 family:

Fail safe design

- main rotor blade assembly

- connection between hub and rotor shaft
- attachment of cailboom to fuselage

- airframe

- tail rotor drive shaft coupling (Thomas type)
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Slow crack growth design

- main rotor hub

- inner sleeve

- upper control assembly

- tail rotor control

- tail rotor shaft

engine mount system

The traditional safe life concept or a combination of safe life and slow crack
growth is used where the attainment of damage tolerance is impractical or where additio-
nal conservatism was required for want of experience. The 'following parts are certified
for the BO 105 with replacement times less than 10000 flight hours:

- main rotor shaft

- main gearbox support struts

- main rotor blade retention system
- tail rotor blade assembly

- tail rotor blade retention system
- tail rotor inner sleeve

- drive shafts (Bendix type)
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JUSTIFICATION EN FATIGUE DE PIECES EN MATERIAU

COMPOSITE BENEFICIANT DU CONCEPT "FAIL SAFE"

par
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B.P.13, 13722 Marignane

France

0. PREAMBULE

L'h6licopte're, par sa conception, pr~sente de nombreuses sources d'excitation vibratoire et de ce .
fait un nombre tras important de pi~ces travaillant en fatigue. Le souci permanent du constructeur est

de r~aliser des pi'c-!s r~pondant a des crit~res de s6curit6 tr~s s~vares tout en co,,servant u.n caract~re

comp6titif du point de vue masse et prix de revient. Un r6glement de fatigue 6tabli conjointement entre

la SNIAS at les Services Officiels Frangais impose que la probabilit6 individuelle de rupture en fatigue
d'une piece dth~1icopte're ne d~passe par 10-6 pour la dur~e de vie afficb~e.

Le d6veloppement durant ces quinze derni~res ann6es, de mat~riaux composites permeta l'AMrospatiale

do concevoir de nouveaux rotors satisfaisant at% mieux le compromis pr~cedemment 6voqu6.

Ces mat~riaux pr~sentent un bon comportement en fatigue associ6 a un caractare fail-safe 6vident

(d6but do d~laminage facile a d6eeler et vitease de propagation lente).

Ces propri~t~a ont permis de faire 6voluer lea m~tbodes de ,justification sans pour autant augmen-I

* ter le risque de rupture en vol.

Si nous appelons par R1 ia probabilit6 d'avoir une crique sur une piece de vol et par R2 cello de

* ~voir cette crique se propager entre deux visites p~riodi ues, le risque global. de rupture est le produit
RI x R2 et clast cc produit qui ne doit pas d~passer 10-

Le but du pr6sent expoa6 est d'expliquer is m6thode uti1.is~e par la SNIAS afin de calculer ces

deux risques Ri et R2

Cette m~thode est bas~e sur une 6tude complate des caract6riatiques de fatigue et des vitesses de

propagation de criques dana le mat6riau utilis
6.____

1. CALCUL DU RISQUE RI (risque d'avoir une crique en utilisation)

Le premif..' atade de 116tude consiste a d6terminer l'6quation de ls courbe S111 4u mat~riau servant a
fabriquer ls piace d'h~licoptare. Cos 6quations sont en g6n6ral de 1% forme (fig 1)

S =A

bob * &A

A partir dlessaia sur 6prouvettes effectu~s en assez grand nomobro, il est possible de calculer

pour un mat~rinu lea coefficients A et a qui lui sont propres. La m~thodo utilisde eat une r~gresaion

lingaire stir lo,3 N en fonction de lot S (fig 2)

log N MA o
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La deuxikme hypoth~se de calcul consiste a admettre qu
t

il existe des courbes SIN affines de lacour-

be moyenne de mame 6quation au A pre's que nous admettons suivre une loi de probabilit6 logarithmo-

normale.

Ces courbes sont donc des courbes a isoprobabilit6 de crique (fig 3)

EFFort
d~namiclvct

0 ~A(i¶d1 IlegacycWt t4

Cette hypothase qui peut paraitre arbitraire ai priori est assez bien v6rifi~e par 1'cxp~rience et
les tests statistiques.

L'exp6rimentation que nous venons de d.6crire serait t~rop on6reuse si elle 6tait r~alia~e en totali-
t6 swrpiaces appareils, aussi l'6quation de la courbe S/N tat elle d6termin~e sur 6prouvettes et consid6--
r~e ccmme reconductible pour les piaces que nous n'essayons qu'en quelques exemplaires (6 pts mini) fig~1 h

Formulation des calculs

(1) S -Ai.

(2) hlog Aim. E log A; 0 Me~CSOCfe~s t4

n + ncnbre de points d'essai

(3) loag A r hog Aim -O R.- .cart type
IL.risque consid~r6 ýjWmate de fatigue\-.Coefficient loi normale (5)

rnoyenne a 106 cycles

(4) a ~T~ g A)rn- log A~ ij 2

n1- Ig

n~ p-*r,7I -2T --I
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kr = marge correspondant au risque r dans la loi normale simple.
kq = marge correspondant au risque q dans la loi normale simple.
q = coefficient de confiance.
Connaissant les 6 r6sultats d'essai, ii nous ett done possible de calculer Aim et les Ar corresponý-

dant a diff6rents risques r.

L'utilisation de 1'h6licopt~iuest connue, soit par enregistrement des paremhtre6 de vol durant plu-
sieurs centaines d'heures, soit par informations 6manant des utilisateurs. Nous disposons done d'un
spectre donnant pour chaque configuration de vol le pourcentage de temps lui correspondant. Pour chacune
de ces configurations nous enregistrons a l'aide de jauges extensom6triques les efforts de vol.

Ces efforts associ6s a leur pourccntage servent a calculer la dur6e de vie en appliquant la ragle
de MINER (voir fig 6).

Ce type de calcul est conduit pour diff6rents risques, ce qui nous donne la courbe de la figure 7.

Tableau I figure 6

%0 EgFort LlmltL NJir Nb JI ar voL /
CONFIGURArIOWJS Fo0rcc de vodi VOL

J, ttou risacu r rfj ) yk :tujý, pw r' k

101 Stbon:r F1  Ar N, N6V1,L.01/6 L

2. Vi~ trartsitbor 02 V:z N, r~ kz.

'I '/'. 'Jbk

Z-2, A~ppockie PL-2 W 4- -i Nt~ký-i pz-l/iJh.L-i

dvr~ de vie,. -~

Figure 7

d'ovotr uin crigut.

0 00 zo' o 0eDvr eve



2. CALCIJL DU RISQUE R2
(Risque d'avoir une rupture catestrophique entre deux contr~les p6riodiques).

Les essais r~alis~s sur pi~ces efin de celculer le risque Rl sont stopp6s das l'apperition du
premier signe de d~t6rioration pour 8tre repris aux charges de vol a l'aide d'u bloc programme respec-
tant

-le pourcentage d'utilisation de cheque configuration.I
- l'ordre chronologique de ces configurations (afin de reproduire d'eventuels effets retard de la

propagation dus aux changements de niveaux de contraintes)

(Voir spectre de charges tableau II fig :8)

Tableau 11

Spectra do charges programmdes

Battement IBatlement Trainde Trainde Nombro
Statique IDynamique SItitique Dynanlique do cycles

-235 0
Stationnalre 84 =79 145.5 = 118 320
Ddpart en ltrnslation 84 = 168 too = 170 M7
Crowsera vilesse mini. 83.5 = 69.5 29 = 75 224
Virago 105 = 149.5 172 = 410.5 64

Croisi~ro vilesse dconomique 83.5 ±: 28 ioo = 138 465
Virago 105 = 149.5 172 = 410.5 6
Croisi.bre vilesse dconomique 83.5 = 28 100 = 138 465
VIrage 105 = 149.5 172 t: 410.5 64
Crolsiere vilesse max. 83.5 = 31.5 258 = 168 384
VI.-age 105 = 149.5 172 = 410.5 64
Crelslbre vilesso max. 90 = 31's 258 ±168 384
VNE 74 = 49 201 a173,5 61
Virago VNE 98 : 35 158 ±176 4
Crolsibro vltesse max. 90 t 31.5 258 ±168 384
Cro13161ro vilesso dconomique 83,5 t 28 100 ±138 465
Virage 105 :t 149.5 4172 = 410.5 64
Crolslftre vilesso m~nl. 813.5 = 69.5 t00 = 038 224
Virage 105 = 149.5 172 t 410.5 64
Rafentissement 84 = 168 100 = 170 176
Autototalion 61 = 109 277 = 140 64
Stsllonnalre 84 :t 79 145,5 = Il8 320

Approche flan 74 ±126 132.5 = 201.5 320

1Aridt rotor -235 1 0 1 0

Ces esseis sont poursuivis jusqu'A rupture evec mesure et enregistroment des longueurs do crique
et do la rigidit6 des pieces.

Si nou aeppelons per tif le temps mis pour passer du temps ti correspondent a l'epperition de la
premiare d~gradation b~nigne au temps tf correspondent a la rupture cetestrophique, ii est possible
d'ajuster une loi do probabilitiS a cette variable al~atoire t5,f trouv~e en esaseL

11 semble A priori quo cc soit la loi logarithmo-normale la isieux adapt~e eu pb6nomane.

Conneissent la loi do probabilit6, la vaelur moyenne tj*1., et l'6cart type, ii eat possible do cel-

culer un temps do vol admissible en fonction du risque (voir fig :9)

R?.

P $00 200 300



La courbe ainsi trac6e correspond au risque de rupture en consid6rant que l~a premi~re degradation
d6celable survient aussit8t apr~s le d6but du vol. 11 convient donc maintenant d'6valuer la courbe du

risque R2 en admettant que cette premi~re d6gradation survienne a un instant quelconque du vol.

I Soit x heures de vol entre deux inspections

Deux possibilit6s se pr~sentent

(a) 11 nly a pas apparition de d~t~xioration eatre deux contr~les consid6r~s (ce cas ne nous int6resse
pas, puisqu'il reportb au cas b), au cours des contr~les suivants

(b) 11 y a apparition de d~t6riorattion entre deux contr~les. Seul ce cas nous int6resse ; donc nous
poserons que la probabilit6 d'apparition de d6t6rioration est 6gale a 1.
Soit t, l'instant oai apparait la premi~re degradation d6celable (t compt6 a partir de z6ro dernier
contr6le);
Soit t2 le temps de propagation, qui entraine une d6t~rioration catastrophique de la piace.
11 convient de remarquer que tj et t2 sont deux variables al~atoires ind~pendantes.

Probabilit6 ~x< t1 < x +dx} kd
x

d'apras la courbe pr~c~dente

Probabilitg {t2 < X - x} R X - x)

d'o dP = dx . R (X -x)

x

Y. 0

Cleat la valeur moyenne de 0 a X de la fonction RI2 explicit~e pr~c~demment (voir fig 10).

dt.61t du vot

Scile rupture. en odmaeonmt
Al ýut . ia ~ckradoIonav~vt

vr% Ifl5IaOP: qucl'conqu( Ju voL

3. CALCUL DU RISQUE R (ou risque d'avoir une rupture en vol)

Comme nous l'avons d~ja mentionn6 ce risque slobtient en faisant le produit R1.112 dont nous venons
d'expliquer la zs~thode de calcul.

RI et R2 se pr~sentent donc sous forme de deux courbes. Le constructeur a donc plusieurs choix
jiossibles, soit afficher une durge de vie 6lev~e assortie d'inspections p~riodiques fr~quentes de la piace,
scoit au contraire une dur~e de vie faible avec inspections tras espac~es.

M~ieux encore, ces courbes permettent de mnodu~lar lea p~riodicit~s d'inspection en fonction du temps
de vol de la piace.

DUREE PERIODICITE RII R2 II
DE VIE D'INSPECTIONS TOTAL

Fig. 11 1000 h 100h 1"- 10-2 10-4
2 000 h 50 h 10-3 10-3 10-'
5 000 h 10 h 10-2 10-4 10-6
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COMBAT DAMAGE ASSESSMENTby
Clarence H. Carper, Jr.

Chief, Safety and Survivability Technical Area
Applied Technology Laboratory

US Army Research and Technology Laboratories (AVRADCOM)
Fort Eustis, Virginia 23604

ABSTRACT

The effectiveness of the helicopter as an item of combat equipment for the United
States Army has steadily and sharply increased since its baptism in Korea, where it
helped to significantly reduce the fatality rate of the wounded by performing the medical
evacuation mission. In Vietnam the helicopter's inherent and diverse capabilities were
further exploited to include tactical missions such as scout, attack, troop insertion!
withdrawal, resupply and command, control, and communication. The success of the heli-
copter in Vietnam was fundamental in helping to shape tactical doctrine for military
aviation throughout the world. Today, the helicopter is a vital and integral part of the
stable of equipment required by the modern US Army to satisfactorily fulfill its combat and
combat support missions. As such, the helicopter must possess many capabilities and fea-
tures, not the least of which is an inherent toughness that will allow it to take ballis-
tic hits, complete the assigned mission, and then return its occupants for a safe landing
in a friendly area.

This paper focuses on ballistic damage, with primary attention given to the airframe
structure, and on ballistic vulnerability reduction issues for US Army helicopters. A
synopsis is provided of the air defense threat systems and nature of combat damage
received by Army helicopters in South Vietnam versus the threat and nature of ballistic
damage anticipated in today's environment. New materials, structural concepts, and other
vulnerability reduction measures presently being employed on Army helicopters and promis-
ing concepts currently under development are addressed. The paper is concluded with an
overview of the combat threats anticipated for the helicopter in the near future.

INTRODUCTION

Since Korea, the combat helicopter has faced an ever-increasing hostile air defense
system considering the quantity of weapons, their increased caliber and lethality, and
their improved capability for detecting, acquiring, tracking and placing accurate fire on
the helicopter. It is highly improbable that the helicopter will ever again face the
limited air defense threat or enjoy the relative air superiority that was encountered in
Vietnam. Relative safety from ballistic damage in South Vietnam could be obtained by one
of two basic tactics: high-speed terrain flying, or cruise at 914 meters or more above
ground level. In this relatively unsophisticated threat environment, however, thousands
of helicopters were lost over an 8 to 10 year period, with approximately half of the
losses being attributed to ballistic damage.

In today's more sophisticated threat environment the helicopter that exposes itself
for more than a few seconds in a combat encounter will most likely receive ballistic
damage. As such, the helicopter must be made to be more difficult to be detected and
tracked by enemy threat acquisition systems, and it must be made to be more damage tolerant.
Figure 1 shows how the helicopter's combat survivability probability varies as a function
of the threat system when considering protective measures provided by tactics, signature
reduction and electronic countermeasures (ECM), and ballistic hardening. In general, the
Vietnam era would be represented by the left-hand half of the figure while the right-hand
half is more representative of today's battlefield environment. As would be expected,
overall probability of survival decreases as weapon size and sophistication increase.

Tactics

Operational tactics will play a vital part in whether or not the helicopter survives
on the modern battlefield. US Army pilots, in particular those who fly the scout and
attack helicopter missions, are receiving intensive training in nap-of-the-earth (NOE)
flight. NO? flight is low and slow and provides stealth by masking the helicopter behind
available terrain and vegetation. While this tactic enhances combat survivability by
degrading the effectiveness of the threat detection/acquisition systems, it unfortunately
reduces other survivability aspects by reducing margins of safety for the helicopter.
For example, NOE operation eliminates the safety margin that is normally associated with
altitude wnen malfunctions occur with the propulsion system. This gives rise to increased
emphasis on the crash survivable aspects of the helicopter, to include the primary
structure. Further, NOE operation is resulting in an increased number of both natural
and man-made obstacle strikes for the he~icopter. The most frequently occurring problem
involves tree strikes with the main and tail rotor blades. This results mostly in addi-
tional maintenance and downtime, although the helicopter occasionally suffers catastrophic
damage with fatalities. The more serious obstacle strike problem relative to helicopter
loss and crew/passenger fatality results from wire strikes. Approximately one of every
six US Army aviators killed in helicopter crashes over the past 10 years of peacetime
operation has been the result of wire strikes. The overall obstacle strike problem is
expected to worsen when complicated by performing NOE operations while in combat in
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unfamiliar terrain. Further work is CTICS
required in developing helicopter wire .9- PROTECIVE SINATUREREDUCTION
strike avoidance/protection systems and MEASURES &ECM

in improving the obstacle strike toler- 8- BALLISTIC PROECTEON

ance of the helicopter structure and
other components in general. .7-

.6-
Signature ReductionM1.

All weapon systems use one or more
of the helicopter's signatures, or ob-
servables, for detection, acquisition,
and fire control. These include the
acoustical, visual, infrared, and radar .3-
signatures. The external noise gener-
ated by the helicopter is very distinc- .2 .

tive and easily recognized, and, depend- % %
ing on conditions, can extend several i-
kilometers from the helicopter. The
primary noise sources are the main and 0 SMALL ARMS LT AA WEAPONS MED AA WEAPONS
directional control rotors. Significant & MISSILES
work has gone into reducing the noise THREA
generated by the rotors. but it still
remains a problem in current technology Figure 1. Protective Measures Versus Ground
helicopters. The exposure time, and Fired AA Threats.
thus the probability of ballistic damage
to the helicopter, can be reduced if the aural detection range can be reduced to less than
the maximum range of the principal threat weapons, which is on the order of 1000 to 4000
meters.

Reduction of the visual signature of the helicopter is highly important considering
the quantity of threat weapons which utilize it for fire control purposes. Primary of-
fenders are sun glint off the canopy, rotor sun reflections resulting in rotor flicker and
helicopter/background contrast. Very little can be done to reduce the visual detection
cues of the helicopter within a range of approximately 1.5 kilometers. Beyond that range,
however, detection can be reduced through such measures as shaping, applying coatings and
glint reduction fairings/covers, and using open structural concepts. In addition to aural
and visual detection considerations, the infrared (IR) and radar signatures of the heli-
copter are key elements to the success of several enemy weapon systems of today in acquir-
ing and placing accurate fire on the helicopter. It is imper7ative that these two signa-
tures be reduced to the maximum extent practical if the helicopter is to survive and carry
out its combat mission. The helicopter is a complex IR radiator having emissions from a
number of sources from within and on its outer surfaces. These are generated by heated
surfaces (hot metal radiation), engine exhaust gasses (plume radiation), and solar re-
flections. Of this multitude of IR sources, the viewable hot engine parts and engine
exhaust plume are the major concerns in countering IR seeker weapons. Although some
success has been achieved in reducing IR signatures, additional work is required to reduce
t:ie weight and cost of the suppressor devices.

NOE flight in conjunction with a low radar cross section (RCS) of the helicopter will
perhaps be the most effective and practical method of degrading the threat weapons that
use radar reflectivity as the means of detection and tracking. The radar cross section,
or echo area, is primarily a function of surface material, externil shape, physical size
of the helicopter and characteristics of the illuminating radar system. Although no low
RCS helicopter per se is in production today, concepts have been applied to some heli-
copters to reduce their reflectivity through the selective use of absorbing materials and
shie..ding. Ever-increasing research is being conducted, however, to define radar detect-
ability and to investigate methods and concepts for RCS reduction. Potentially significant
reductions in helicopter RCS are possible through fuselage shaping and the incorporation
of radar absorbing/scattering materials. If low RCS is to be effectively incorporated, it
must be considered in the initial design phases of a new helicopter system since the fuse-
lage shape/skin material characteristics will most likely be a significant departure from
those generally known today. The rapidly expanding use of advanced composite materials
(nonmetals) for primary structure will provide the structural designers and manufacturing
engineers with considerably more flexibility in developing and producing a low RCS heli-
copter fuselage.

Ballistic Protection

The Army helicopter in combat today would be faced with a wide variety of ballistic
threat weapons, ranging from the infantryman's rifle through relatively large caliber
artillery and missile systems. Further, a serious air-to-air threat would be posed by
the presence of armed enemy attack helicopters. Regardless of how good a job is done
considering the operational tactics used and the passive (discussed above) and active
detection/suppression countermeasures concepts employed, the helicopter will continue to
receive hits and suffer ballistic damage in significant proportions. Therefore, the Army,
who is still the primary developer of the helicopter, must continue to identify and
specify the ballistic threat requirements. It then becomes incumbent on the designer to
continue to strive to minimize the effects of the ballistic projectiles by incorporating
specialized vulnerability reduction (VR) concepts, damage tolerant materials, and struc-
tural configurations and techniques to reduce the severity of damage and battle damage

Iw
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repair times and complexities. Further, it is impecative that this be achieved at accept-
able cost and weight facto.s, especially when retrofitting or product improving existing
helicopter systems is a ccnsideration.

The remainder of thiE paper addresses the different ballistic threats to the helicop-
ter, defines typical ballistically caused damage, and highlights some of the approaches
being used and under investigation for reducing the ballistic vulnerability of the heli-
copter. Focus is placed as much as possible on the helicopter structure, to help provide
the structural engineer/designer with a better understanding of the type, nature, and
severity of problems he faces in dealing with the damage producing potential of the vari-
ous ballistic threat projectiles.

SOUTH VIETNAM (RVN) EXPERIENCE

Although the helicopter faced a variety of threat weapons in South Vietnam, ballistic
damage was primarily caused by the 7.62mm and 12.7mm small aims bullet fired from automatic
and semiautomatic weapons. These two small caliber weapons are not generally classified
as air defense weapons, yet the 7.62mm threat was responsible for approximately 85% of all
ballistic damage suffered by US helicopters in RVN. General characteristics of the 7.62mm
and 12.7mm projectiles are shown in Table 1. Table 2 lists the other threat systems and
devices that also caused damage to the helicopters. In a general sense, the combat in RVN
for the helicopter fell in the low intensity category. An example of an exception to this,
however, is discussed later in this section of the paper. Some helicopters were lost to
single 7.62mm hits while others survived a virtual barrage of multiple hits, including
direct hits by rocket propelled grenades (RPG). In approximately 90% of the incidents the
crew knew the helicopter had been hit, and approximately 60% of the time they saw the
enemy firing the weapon that caused the ballistic damage.

TABLE 1. PRIMARY THREAT PROJECTILES--RVN TABLE 2. ADDITIONAL THREAT
PAR TER SERVICE SYSTEMS/DEVICES--RVN

PROJECTILE PROJECTILE MUZZLE TACTICAL THREAT
LENGTH WEIGHT VELOCITY RANGE

THREAT (MM) (GRAINS) (M/S) (METERS) AA Weapons - 23mm, 37mm
Rocket Propelled Grenade - 80mm
Mortar - 82mm
Rockets - 122mm

7.62mm 36.8 155 884 400 Artillery - 152mm
SAM - SA-7
Land Mines - (Landing Zones)

12.7mm 64.5 745 854 1000 Booby Traps -_(Landing Zones)

Satchel Charges - (Sapper Action)

Some brief summary statistics are presented for the OH-6 observation/scout helicopter
to help provide a better understanding of the nature and severity of the low intensity com-
bat generally experienced in RVN. The OH-6 is a relatively small helicopter having a gross
weight of approximately 1225 kg. It was introduced to Vietnam in 1967. Between 1967 and
1971 an average of 436 armed and unarmed OH-6 helicopters operated in RVN. They flew a
total of 2.5 million sorties in 1.1 million flight hours, averaging 2.0 flight hours per
day. During this period they experienced 3,174 incidents involving enemy ground fire, with
532 helicopters being lost. Table 3 breaks out the threat for 499 (approximately 94%) of

these losses. As is evident,
TABLE 3. 011-6 BALLISTIC DATA (1967-1971) the 7.62mm and 12.7mm threat

accounts for 80% of the total
7.62mm 12.7mm HE OTHER UNK TOTALS losses (71% and 9% respective-

Incident 2535 156 126 6 115 2938 ly). Although not broken out,
the total incidents include

Hits 6781 314 234 16 157 7502 forced landings and mission
Losses 354 46 38 2 59 499 aborts as adverse reactions,

and continue to fly reactionsIncident/Losses 7.2 3.4 3.3 X X 5.9 in addition to the losses
Hits/Incidents 2.7 2.0 1.9 X X 2.6 shown. Table 4 shows the per-

centages relative to the di-
rection from which the ballis-

tic hit was received and the general location of the hit on the helicopter. Over half of
all the incidents for the 0H-6 involved only a single hit, and over three-fourths involved
no moie than four hits per incident, It was rare to have 10 or more hits for a single
incident. The average number of hits per incident was approximately 2.5 and the average
number of incidents per helicopter lost was approximately 6, which results in a helicopter
loss approximately every 15 hits. Also, o,?er three-fourths of the incidents occurred at
altitudes of less than 30.5 meters AGL (10.7 meters median) and less than 75 knots air-
speed (50 knots median).

These latter points should be explored a little further since a part of the overall
vulnerability/survivability of the helicopter is mission dependent. For a helicopter like
the OH-6, over 90% of its mission involved combat surveillance and reconnaissance opera-
tions, i.e., scouting/in-route low-level flying and some target attacking for the armed
versions. In general terms, this means relatively low and slow flight in a combat area
by a helicopter with defensive fire power ranging from verl little to none. Although the
above hit percentages for the 011-6 are considered to be generally representative for RVN,
they would vary somewhat, depending on the helicopter type and its mission. For example,
the armed AH-1 helicopter in the attack role would have a smallei percentage of hits from
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the front quadrant and a greater per- TABLE 4. DIRECTION AND LOCATION OF HIT--OH-6
centage in the aft fuselage/tail sec-
tions since the enemy would be less HIT DIRECTION--% HIT LOCATION--%
willing to commit to a frontal assault.

Front Quadrant 29 Cockpit 31
Durint, one 60-day period in the Right Quadrant 28 Cabin 24

early 70's, the Army was involved in an Left Quadrant 26 Engine/Equipment 18
intensive airmobile operation in an Rear Quadrant 17 Main Rotor 14
area that had been long established and 100 Tail Section 13
well developed by the enemy, an area (Incl Tail Rotor) 10
that was heavily defended. The combat 100
damage sustained by the Army helicopters
during this period is considered to be representative of a mid-intensity conflict and is
summarized here solely for comparative purposes relative to the low intensity data dis-
cussed above. During this 60-day period the U.S. experienced 644 damage incidents to 451
differer, helicopters and lost 90 helicopters to enemy fire, including 2 Marine CH-53's.
Table 5 summarizes the 88 Army helicopter losses versus the different threat systems for
this period. In this mid-intensity environment the hit per loss ratio for the OH-6 was
nearly 6 (over 7 for all 88 helicopters) as compared to a ratio of 15 for the OH-6 in RVN
in general. This attests to the increased effectiveness of the larger caliber weapons
against the helicopter.

The helicopters that TABLE 5. MID-INTENSITY LOSSES--RVN
were introduced early into ARMY NUMBER OF HELICOPTERS LOST TOTAL
RVN had very little inher- HELICOPTERS 7.62mm 12.7mm RPG HE MORTAR LOSTent ballistic hardness/ EHOTHER O
protection. As the combat
intensity increased and as OH-6 1 3 1 1 6
additional types of heli- 22 Damaged
copters were employed, 34 Hits
some protection was pro- AH-l 7 6 3 2 18
vided. For the most part, 101 Damaged
however, the ballistic 152 Hits
hardness was parasitic in
nature and was limited to UH-1 20 19 3 2 10 7 61
partially protecting the 285 Damaged
crew and selected compo- 410 Hlits
nents and subsystems. CH-47 2 1 3
This was accomplished by 30 Damaged
providing personnel body 33 Hits
armor and by adding armor _ I I I
plates to shield suchcritia omponent s TOTAL LOST 30 28 4 3 14 9 88critical components as
flight control tubes and
actuators, engine compressor and fuel control, and transmission pump and oil cooler.

Vulnerability analyses of all US Army helicopters have identified the major vulner-
ability contributors for various types/sizes of ballistic threats. The 10 major contribu-
tors to the vulnerable area (AV) of current helicopters versus the 7.62mm and 12.7mm
threats are ranked in
Table 6, which shows both TABLE 6. MAJOR CONTRIBUTORS TO VULNERABLE AREA
attrition and forced land- (7.62MM AND 12.7MM API)
ing kills. Av is defined
as helicopter presented ATTRITION KILL RANK FORCED LANDING KILL
area (Ap) times the prob-
ability of kill (PK) given main Rotor Flight Control 1 main Transmission - Lube
that a hit has occurred. Rod Ens s
Also, attrition kill is *od Ends
generally defined as one Main Rotor Flight Control 2 Tail Rotor Drive Shaft
wherein the helicopter Main Rotor Flight Control 3 Engine Lube
falls out of manned con- Aators
trol immediately after Actuators
tron bimmediately dafr Main Rotor Flight Control 4 Engine Combustion Chamber
being ballistically dam-
aged. As can be seen, the Swashplate
main rotor flight control Fuel Cells - Fuel Fire 5 Tail Rotor Flight Control
components account for the Rodstop 4 and for 6 of the Main Rotor Flight Control 6 Tail Rotor Flight Control
total 10 contributors for Pitch Horn Rod Ends
the attrition kill Av of Engine - Fuel Fire 7 Fuel Lines - Leak
the helicopter. This re- Main Rotor Flight Control 8 Oil Cooler/Bypass Valve
sults from the Av being Bellcranks
approximately equal to the Main Transmission - Gears 9 Engine Compressor
Ap since the PK is very and Bearings
high given a hit. For the Main Rotor Drive - Mast 10 Tail Rotor Control Rod Ends
OH-6 helicopter, the 10
contributors listed for attrition kill represent approximately 70% of the total helicopter
Av for the 7.62mm projectile and 60% of the total Av for the 12.7mm projectile. Consider-
ing the 10 forced landing contributors, the percentages are approximately 90 and 60
respectively.

It should be noted that even for these relatively small caliber threats, the fuel
system ranks second behind the flight control system in helicoptet attrition kill as
associated with in-flight fuel fires caused by incendiary type projectiles.
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Also, it should be noted that the tail rotor system shows up only in the forced land-
ing kill column. This results from the approach taken in assessing the kill wherein the
helicopter was credited with sufficient altitude and forward speed to permit it to execute
a safe autorotative landing following loss of directional control. In considering today's
requirement for NOE operation, the tail rotor system would also show up as a contributor
in the attrition kill column as the helicopter would most likely not have sufficient alti-
tude or forward speed to recover or effect an autorotative landing if directional control
were lost while in NOE flight. This is representative of the "flexibilities" associated
with performing vulnerability analyses, since many assumptions, estimations (especially

PK's), etc., must be made in accomplishing an analysis.

Finally, the trends shown in this section of the paper are considered to be generally
applicable for all of the US Army helicopters that were in combat in RVN. As such, it
should be noted that the airframe structure was not a significafit contributor to the
ballistic vulnerability of the helicopter when considering the primary threats faced
(7.62mm and 12.7im'tj. This would probably have changed had the U.S. remainied longer in
Vietnam, since the quantity and size of the enemy antiaircraft (AA) weapons and the
quantity of the surface-to-air missiles (SAM) were on the increase.

TODAY'S SCENARIO

The objectives of Army aviation are:

• To augment the Army's capability to conduct prompt and sustained land combat.

• To provide the ground commander with mobility, fire power, and staying power
to win the first battle.

To help the ground forces win while outnumbered.

Nonnuclear combat today would find US forces greatly outnumbered in terms of infantry,
tanks, and artillery. The seriousness of the situation would be further compounded by the
presence of fast, heavily armed enemy attack helicopters on the battlefield. Under such
adverse combat conditions, the Army helicopter must play a significant part if the United
States is to win. In today's combat, the helicopter will face an awesome array of air
defense threat systems relative to what was encountered in Vietnam. A partial listing of
the key threat systems is presented in Table 7. The threat would also include the mass

deployed 7.62mm and 12.7mm waapons
TABLE 7. KEY THREAT SYSTEMS--TODAY'S ENVIRONMENT as well as a variety of other mis-

siles, mortars, rockets, and artil-
THREAT SIZE RANGE GUIDANCE lery. As such, the helicopter must

ZSU-23-4 23mm 2500-3000 m Optical and Radar show marked increases in mobility
M53/59 30mm 3500-4000 M Optical and Radar and fire power over its RVN counter-
S-60 57mm 6000 m Optical and Radar part, and it must possess inherentfeatures that will give it sus-
SA-6,7,8,9 1-60 kg 1-20 km IR and Radar ta b t for etne periods

Warhead, tainability for extended periods
of combat. Combat sustainability

of the helicopter is considered extremely vital and will be a function of issues such as
tactics, operational environment, threat system characteristics, and inherent helicopter
features, including the ability to accomplish rapid repair of combat damage to prevent the
helicopter from effectively being attrited by maintenance backlog. The key to this paper,
however, is the sustainability that must be obtained through inherent ballistic toughness
of the helicopter.

The relatively small caliber high explosive (HE) and high explosive incendiary-tracer
(HEI-T) projectiles (23-30-57mm) are of particular importance to the helicopter designer
considering both their damage mechanism and the fact that they are pushing the limits as

far as being able to "harden" the air-
SUBSYSTEM frame and subsystems to withstand their

(Regon) destructiveness. Survival of the heli-

FUEL.........'.................. ..... copter against threats beyond these will
largely depend on countermeasures to
avoid being hit. The major contributorsSTRUCTURE / to the total Av for the typical current
inventory Army helicopter against these

CREW •three HEI-T threats are presented in
Figure 2. The 30mm HEI-T would fit some-

M/R8LADES •';where between the two bars shown. The
HUB, MAST estimates were made for the current hcli-

M/ RIE • ":'copter fleet, excluding the UH-60 BLACK
HAWK which is now in production and the

/R DRIVE -23MM HEI-T YAH-64 attack helicopter which is ap-
proachinq a production decision. Even

..........//2 -.57MM HEI.T though '1,ese two helibopters were designed
ENGINE for i' roved ballistic tolerance (12.7mm),

the _elative percentages shown would
I probably not change significantly if they

0 4 8 12 16 20 24 28 were included in the estimates. Averaga
PERCENT OF TOTAL A Av values are shown. Also, absolute

Figure 2. Subsystem Contribution to HE Vul- values of Av are very dependent on heli-

nerable Area (Percent) (Average of copter gross weight (size) as component
Current Fleet Helicopters). criticality (Pk) generally incre&ses
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rapidly as sizes get smaller considering the HE projectiles. As can be seen in the
figure, the helicopter structure (primarily tail boom) is the major contributor to the
total Av, followed closely by the fuel system, main rotor system, and crew. With excep-
tion of the crew, each of these will be addressed in more detail later in this section.

Explosive Projectile Characteristics

Considerable work has been accomplished toward defining AA explosive projectile
characteristics and kill mechanisms and developing methods for reducing the helicopter's
vulnerability to these explosive threats. Typical of these threats would be the 23mm
HEI-T projectile. The pri-
mary threat weapon utiliz- TABLE 8. 23MM HEI-T PROJECTILE CHARACTERISTICS
ing the 23mm round is the PA TER
Soviet ZSU-23-4 quad- TER SERVICE
barreled automatic A;\ sys- PROJECTILE PROJECTILE MUZZLE TACTICAL
tem, which is capable of T LENGTH WEIGHT VELOCITY RANGE
firing approximately 60 (THAT (MM) (GRAINS) (M/S) (METERS)
rounds per second. Summary
characteristics of the pro- 23mm HEI-T 109 2986 976 2500
jectile portion of the round
are provided in Table 8.

The HE projectiles normally have a delay contact fuse that is armed by centrifugal
force and is activated when the nose of the projectile strikes the target. They then
travel for a finite time within the target before exploding. Some of the earlier projec-
tiles used a super quick fuse which caused explosion immediately upon contact of the
projectile with the outer surface of the target, but they are not generally considered to
be the primary threat to helicopters and only the delay fused projectile will be dis-
cussed further. The delay fuse HE projectile produces damage from any or all of the
following mechanisms:

Penetration of the target by the intact projectile (i.e., before detonation
occurs).

Fragment damage to the target produced when the projectile detonates.

Blast loading of the target from the overpressure produced in the detonation
process.

Initiation of fires from (1) heat produced by detonation, (2) fragments striking
certain materials, and (3) the incendiary mix contained in the explosive pellets.

The nature of the damage experienced by the helicopter is dependent on the projectile
velocity, the depth of penetration before explosion, the medium in which the explosion
takes place, and the nature of the target failure mode. For the structure, for example,
the blast pressure and fragments are the most lethal mechanisms, whereas the blast pres-
sure and incendiary are the most lethal for the fuel cell.

Figure 3 depicts the general sequence of events that occur during the detonation of
a high explosive projectile. Figure 4 and Table 9 show typical fragment spray zones and

IN characteristics for the projectiles. Objects within 1 to 3 case diameters distance would
be subject to the blast wave followed immediately by fragment impact. Beyond 3 to 6 case

•o•PRODUCTS OF 'DETONATIONSLAS WAVE P "* . <.... •

',FRAGMENTS "/ '•

DETONATION INSIDE DETONATION EXPANDS CASE DETONATION BLAST
PROJECTILE IMPARTS CAUSING FRACTURE. ATTENUATES WITH DISTANCE, Figure 4. Fragment
SHOCK TO MEDIUM BLAST OVERTAKES AND FRAGMENTS OVERTAKE AND Spray

ABSORBS INITIAL SHOCK, PASS BLAST IN 3 CASE Zones--VELOCITY IS SPEED OF SOUND DIAMETERS TProjic le
IN MEDIUM B ERANprayil

Fi-ure 3. Sequence of Events During Deconation of a HE
Projectile.
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TABLE 9. TYPICAL NUMBER, AVERAGE WEIGHT diameters, damage would first occur by
AND VELOCITY OF HE PROJECTILE fragment impact followed closely by the

FRAGMENTS. overpressure and the other products of

detonation. This later mechanism is the

WT GRAIN VELOCITY M/S predominate one when considering vulner-
NO. ability of the helicopter structure.

ZONE FRAGMENTS AVG MAX AVG MAX
Representative pressure levels associ-

1 5 9 40 732 976 ated with the HE detonation in the air
2 175 7 100 884 1189 medium are shown in Figure 5. This is
3 600 3 30 1006 1098 a combination of peak pressure associated

with the blast shock front (approximately
1 millisecond duration) and the static

pressure generated by the overall detonation energy release. The peak pressuare is of such
short duration that the structure may not have time to respond to it. The greater hazard
to the structure may come from the longer duration static overpressure, especially in
areas where the structure has been weakened by the fragments in advance of the overpressure.

One aspect of fuel cell vulnerability is the explosion of the HEI-T projectile with-
in the combustible vaporous mixture above the liquid fuel level in the tank. Figure 6
presents typical blast/combustion response pressures for this situation as determined
through testing. Worst case peak pressures measured were in the neighborhood of 4.6 x 103
kilopascals (KPa) for 5 to 10 milliseconds (msec) duration. This is addressed in more
detail later in the paper.

-- 480

240

1 2 3 4 5 6

Figure 5. Typical Blast Pressure--Air Medium.

26000

= 1400 .
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0.
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TIME Msec

Figure 6. Typical Combustion Response--4% Volume Propane Medium.

Fuselage Vulnerability

With the exception of the tail boom of a single main rotor helicopter, the airframe
structure has relatively low vulnerability to the explosive projectile. This holds
true even for the conventional metal skin, stringer,frame, semi-monocoque structure of the
helicopters which were used in RVN and which did not have ballistic hardening as a part
of their basic design requirements. The cabin/cargo section of the helicopter is usually
fairly large in volume, is structurally redundant in nature, and is designed primarily
against stiffness requirements. As such, when the projectile penetrates the skin and
detonates, assuming it does not function in or near a highly vulnerable component or seb-
system, the damage caused to the structural members although serious in nature is not
usually catastrophic to the helicopter. The damage could possibly result in changes in
the helicopter system's dynamic response characteristics, but the residual (after damage)
strength of the airframe will probably be adequate for continued flight, especially if
the in-flight loads are reduced, i.e., the pilot throttles back and conducts slow speed,
level cruise flight.

The tail boom, on the other hand, is a highly vulnerable area of the fuselage to the
explosive projectile. In today's conventional helicopter (i.e., main rotor/tail rotor
concept) the tail boom is in essence an inclosed me~al structure of semi-monocoque dts'.gn.
Detonation of an HEI-T projectile within this structure, as represented in Figure 7, in-
duces several potentially catastrophic events, including: massive removal of struc:ture
caused by the heavier fragments in the inner (1 and 2) cones; penetration of the si:ructure

I40
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by the hundreds of smaller fragments in the
outer (3) cone; and excessive "breathing" of
the structure in response to the high blast
overpressuze. Also present is the incen-
diary fire, but without a medium to sus-
tain the fire it does not pose a signifi-
cant hazard in the tail boom. Figure 8
shows the exit hole in a typical medium
sized helicopter tail boom that had been
impacted in test with a delay fuse explo-
sive projectile. Less evident than this SHOTLINE
large ballistic hole, but perhaps equally _---
as catastrophic to the helicopter, is the
damage related to the breathing of the 2
structure. Additional massive failure
(tearing) of the tail boom structure can
occur when subjected to the overpressure/
breathing in the weakened area along the
line of holes caused by the fragments in
the larger spray cone. Further, the
magnitude of the breathing can be such as
to cause excessive misalignment of the tail
rotor drive shaft resulting in failure of
the shaft, coupling or hanger bearing and Figure 7. Typical HE Projectile Detonation
subsequent loss of helicopter directional Within a Tail Boom.
control.

The tail boom, however, is
an area of the fuselage struc-
ture where much is being done
to improve the overall surviv-
ability of the helicopter
against this type of explosive
ballistic damage. To a limited
extent this also includes the
conventional metal booms •4•"s,
through the application of M..
relativeiy inexpensive "quick
fix" hardcning concepts. These , ... ."
include the selective addition '• ' ' -. '
of straps and plates longi-
tudinally along the boom and
circumferential straps at the
frames to serve as doublers
for added strength and to act
as crack stoppers; the addition
of high strength rivets between
existing skin attachment rivets
for increased strength; and the
installation of reticulated
foam within the boom to help
suppress the blast overpres-
sures, thus reducing the blast L
loading on the structure.
Although these concepts have
demonstrated some success in
reducing the vulnerability of
the tail boom to the explosive
projectile, they are considered
only temporary measures which Figure 8. Exit Side of a HE Damaged Tail Boom.
do not properly address the
fundamental issues of the problem. To satisfactorily do this will require the development
and application of more efficient materials to achieve the necessary toughness and struc-
tural redundancy at acceptable weights, and the development and application of advanced
structural concepts to help minimize the effects of the blast pressures.

In this light, the utilization of fibrous composite materials offers the greatest
opportunity to resolve the tail boom ballistic vulnerability problem, as well as generally
revolutionalize the overall helicopter design process. Composite materials such as fiber-
glass, Kevlar, and graphite are presently being widely used for helicopter rotor blades
and airframe secondary structure and are being developed and tested for mechanical flight
controls, rotor hubs, airframe primary structure and landing gears. The unique properties
inherent to the composite materials are generally well known and will not be addressed ir.
this paper. However, the potential payoffs for using them in the helicopter include:

Greater structural efficiency through the higher specific strength and stiffness
of the material systems.
Greater design flexibility thro.gh the ability to easily dynamically tailor the
structure and utilize complex shapes.
Improved safety through inherent slow crack propagation and greater ballistic
tolerance.
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Lower acquisition cost through the use of more automated fabrication processes/
techniques, fewer mechanical fasteners, and less material scrappage.

Lower ownership cost through longer fatigue life, inherent damage tolerance, and
easier field repair.

The helicopter industry is only on the threshold of exploiting the full potential of the
application of these composite materials.

Several programs have been conducted within the US A'.rmy R&D community relative to
composite booms. One program recently completed involved the laboratory test and flight
demonstration of a composite replacement tail boom on the AH-lG Cobra helicopter. The
composite boom was a monocoque sandwich structure havin• graphite inner and outer skins
with a Nomex honeycomb core and a wall thickness of approximately 1.5 cm. The boom was
fabricated by the wet filament winding process with a one-step cure cycle. Primary de-
sign objectives for the boom were reduced manufacturing costs and reduced weight. Both
goals were generally met although the weight was not optimized as the composite boom was
fabricated resin rich. Being designed primarily for stiffness, the composite boom demon-
strated (through accelerated testing) a fatigue life in excess of seven times greater than
its metal counterpart. Although ballistic tolerance was iot a design consideration for
this composite boom, the residual flight test boom was subjected to two 23mm explosive
projectiles, the first impacting the large diameter end and the second the small diameter
end. Being a closed structure, the detonation overpressure literally "ripped" the boom
open along the line of holes created by the spray of f'zagments, resulting in catastrophic
damage of the small diameter end. Figure 9 shows the ballistically damaged composite
boom.

Concurrent with this program
was an investigation of the ballis-
tic tolerance of a variety of simu-
lated tail boom sections manufac-
tured from different composite
materials and using various struc-
tural configurations, including
shell structure, sandwich structuro
with various honeycomb cores, and
sandwich structure with a sinewave
core. Although the composite ma-
terials demonstrated improved dam-
age toughness, the fate of these
closed structure specimens was
generally the same as that experi-
enced Ly the AH-IG composite tail
boom. It was evident from these
tests that the high pressures fromthe explosive projectile detonating
within the relatively small intaznal
volumes of the tail boom muct be
neutralized through sone type of
venting process, as designing theSstructure to contain the blast
forces would result in unacceptable
weight penalties.

This led to the investigation
of composite tail boom specimens
using an open weave, or "spacewourd"
structural concept. The spacewound
structure allows rapid venting of

Ballistically D A1-1 Composite the blast pressure as well as pro-Figure 9. BDamaged vides redundant load paths. Figure
Tail Boom. 10 describes the spacewound princi-

ple. In all, 16 composite specimens were fabricated against operational tail boom speci-
fications and structurally and ballistically tested. The specimens included a variety of
composite materials, fiber coverage ratios (FCR), helix angles, diameters and lengths;
some were skinned (nonstructural skin) and some unskinned. The fiberglass and Kevlar
specimens with 50% FCR showed lowest damage coefficients to the 23mm HEI-T projectile.
Peak internal pressures measured were in the neighborhood of only 300 KPa. The test
sequence for one of the final Kevlar specimens is outlined to show the severity of the
testing and the success obtained against this explosive projectile.

Preballistic Structural Test:

Cantilever mounted with vertical shear load of 952 kg (limit load) at free end.
Repeated after 1800 rotation.

Static torsional moment applied twice in each direction to 13,556 n-m (limit
load) in 2,259 n-m increments.

Fatigue cycled at + 6,778 n-m (50% limit torque) for 15,000 cycles.

Static torsion test repeated.

__________________________________________
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Ballistic Test: Wo

Ballistically tested with a 23mm WB + WSS~HEI-T projectile while statically

loaded to represent 125 knots HELIX ANGLE HOOP WRAP
flight load condition.

Post Ballistic Test:

• Cantilever mounted and loaded to
635 kg (66% of limit) in 159 kg
increments.

Static torsional test to 6,778 n-mr
(50% of limit) in each direction.

Fatigue cycled at 1,130 + 3,389 n-m - - --
for 5,000 cycles (simulated maneu-
ver load at 150 knots).

• Static torsion test repeated.

Second Ballistic Test:

Impacted with a second 23mm 11EI-T
projectile (within 20.3 cm of first
impact point) while under 125 knots
static flight loads.

Post Second Ballistic Test:

Static torsion test to + 6,778 n-m 
]

each direction.

Fatigue cycled at 1,130 + 3,389 Figure 10. Spacewound Structural Concept.
n-m for 1,500 cycles.

Static torsion test to + 6,778 n-m each direction.

The above specimen was still capable of carrying load although the maximum tip deflection
measured had nearly doubled over that of the undamaged specimen. Figure 11 shows the spec-
imen on the test fixture following the second ballistic impact. Note that the skin has
mostly been blown away. The spacewound structural concept has proven to be effective in
providing ballistic survivability to the helicopter tail boom against the explosive pro-
jectile.

Other "open" com-
posite structural con-
cepts are being in-
",estigated to deviop
a lighter weight,
lower cost, more be].- A ~ ii
listically tolerant , 1 { 'Z ' 1 5
tail boom, Two of the ------
more promising ones " 4 -
include the truss and i. '• • ."
tetracore structural V "V 'i *
concepts. Both of the 1, 'i

conceptd use the wet
filament winding,
single-step cure fab-
rication processes.
In the truss program
a variety of config-
urations were analyzed
concerning primarily
the number of longe-
rons used (four
through eight) and
the capability of the
diagonals co take
both tens ion/com-
pression loads or Figure 11. Kevlar 50% FCP Specimen After Second Ballistic
tension loads only. Impact.
The six longeron, tension/compression diagonals graphite concept was determined optimum
for meeting the design requirements at minimum weight. Tha ballistic survivability
requirements called for the loss of i compression side lo.geron joint and one opposite
side diagonal member. Three specimens were fabricated whbch represented a relativuly
small sized helicopter, i.e., a .368 meter diameter boom, and were ballistically tested
against the 23mm explosive projectile. The specimens wexe unskinned and had approxi-
mately 50% open area. Figure 12 shows one of the test specimens. The target impact
point for all three specimens was the frame/longeron/diagonal member joint. Two of the
specimens were statically loaded to loads representative of high-spead level flight con-
ditions, ballistically impacted, and continued to carry the flight loads for 30 minutes
after impac. with negligible measured deflections. The third specimen was statically
loaded to 150% of high-speed level flight load conditions and failed upon impact. Damage
on the exit side of this specimen was far more extensive than anticipated. In general,

111 1 q - *.31, 1

*~ ~ ~ ~ ~ ~ M 14*~~-. - A ~ ,&-4
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the composite truss struc-
tural concept demonstrates

I . a vary high potential for
- improving the ballistic

- survivability of the tail
boom, 4s the projectile
blast pressures are vented

I and do not play a part in
the damage mechanism.
Also, if the truss tail
boom is left unskinned,
the probability is intro-

o duced that the threat pro-
jectile will pass through
the boom without being
activated, or that it will
strike a member on the
exit side and detonate
outside of the boom.

Figure 12. Truss Tail Boom in Ballistic Test Fixture.

c Tetracore is still another variation of a highly efficient open structure concept that
can be readily fabricated from composites. In principle, it is a series of alternately in-
verted tetrahedron shaped cells continuously jointud together. Work is in progress to more
completely define the structural properties of tetracore, and to fabricate a demonstrator
tail boom out of tetracore for an existing medium-sized helicopter. Structural and bal-
listic testing of the boom are planned. A trial winding of the tetracore tail boom is
shown in Figure 13.

Figure 13. Tetracore Tail Boom Specimen.

Fuel System Vulnerability

Testing and analysis has shown that the fuel tank is the single most vulnerable heli-
copter component to the 23mm HEI-T projectile. For HEI-T projectiles larger than 23mm the
helicopter structure becomes most vulnerable but only by a small margin over the fuel sys-
tem (refer to Figure 2). The schematic shown in Figure 14 indicates the impact points for
the threat projectile that are of primary concern for precipitating different types of
catastrophic failures of the fuel tank and causing related in-flight fuel fires. The com-
bined kinetic energy and blast overpressure associated with a projectile impacting the
outer wall and detonating within the liquid fuel can cause hydraulic ram pressures high
enough to rupture the fuel tank. This can result in massize fuel loss and possible fire
if the leaking fuel contacts a secondary ignition source. Damage can also occur to the
structure adjacent to the tank due to the rapid expansion in tank volume. Hydraulic ram
pressures in the neighborhood of 2.07 x 104 KPa have been measured in tests against the
23mm HEI-T projectile. The detonation of an HEI-T projectile within the ullage area above
the liquid fuel level in the tank can generate combustion overpressures of sufficient
magnitude to also rupture the tank. In this case the spilling fuel would most likely be
ignited by the incendiary products in the projectile. Finally, detonation of an HEI-T
projectile outside of and adjacent to the tank wall, and below the liquid fuel level,
either in the dry bay areas or near the outer skin, will most likely result in fragment/
blast damage to the tank wall with the spilling fuel being ignited by the incendiary
products.

Significant research work has been accomplished over the past few years toward reduc-
ing ballistically caused in-flight fuel fires through the investigation of concepts and
methods of reducing the vulnerability of the fuel system to the explosive/incendiary pro-
jectile. Considering hydraulic ram, the high ductility of current self-sealing, crashworthy
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helicopter fuel tanks offers a degree of LARGE DRY BAY
protection against the ram effects. Addi-
tional protection can be readily obtained
by the designer through such measures as
inclosing the fuel cell within a rigid
structure and providing smooth, elastic
surfaces for the cell to react against and
and to spread out the load. Other specif-
ic add-on protective measures have been
investigated and found to be effective in
helping to defeat hydraulic ram, includ- "
ing installing reticulated flexible foam "Z
inside the tank to slow down the shock A •Ze
front and absorb pressure; providing
elastic energy absorbing buffers to pre-
vent failure/permanent deformation of the
adjacent structure; and providing shield-
ing material, e.g., ballistic nylon or
Kevlar, to slow the projectile down before
impacting the fuel cell as the hydraulic OUTER WALL/SKIN SMALLDRYBAY
ram pressure is proportional to the square
of the velocity of the projectile. Figure 14. Fuel Tank Damage Producing

In considering the remaining areas Impact Points.
of concern identified above for the fuel
system, several highly promising vulnerability reduction approaches/concepts are evolving,
i.e., lightweight foams, powder-filled panels, ullage inerting systems, and active detec-
tion/suppression systems. Rigid foams are presently used selectively around the fuel
cells of both the UH-60 BLACK HAWK and YAH-64 attack helicopters, and flexible foams are
being evaluated for use inside the YAH-64 tank. In considering the foams used internal
to the tank to reduce hydraulic ram and ullage fire dangers, Figure 15 shows the effective-
ness in reducing peak combustion overpressures of several newer foam concepts under in-
vestigation as compared to reticulated polyurethane foam. Testing was conducted in a
rigid test tank of 1.13 cubic meters volume using "worst case" propane/air combustible
mixtures and the 23mm HEI-T projectile as the initiator. The weight of the foam in the
tank is shown on top of the bar. Explosafe is a metal void filler material made by
slitting, expanding, and stacking thin aluminum sheets. Its primary advantage over non-
metallic foams is the ability to tolerate high ambient temperatures (over 1500 C) that
are present, for example, in high performance fighter or transport applications. Promel
is made from sheathed nylon fibers that have been woven into a mesh-type structure and
heated to create a miniature weld at each fiber contact point. Its primary advantage is
low weight. Figure 6 shows that all of the internal foams appreciably reduce peak com-
bustion overpressures when compared to the unprotected tank. This protection comes, hoa-
ever, with increased weight to the helicopter and in the case of internal foams some fuel
denial made up of displaced fuel and absorbefi/retained fuel.

350--
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Figure 15. Comparison of Various Void Filler Materials in Reducing Peak

Combustion Overpressure.
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The powder panel concept is one wherein the fire extinguishing agent is contained
integral to the panel (within the honeycomb) and is released by the kinetic energy,
detonation, and/or fragments of the projectile. The concept is applicable for use as
separate add-on panels or as an integral part of an existing structural panel/skin (i.e.,
primary structure) of the helicopter and is proving to be highly effective in preventing
fires when used against the explosive projectiles in the outer wall/skin and small dry
bay areas. Numerous ballistic tests have investigated both metallic and nonmetallic panel
specimens, various panel thicknesses, and various types and quantities of extinguishing
agents. Work is also in progress toward obtaining long-term environmental/operational
effects on the powder panels, extinguishing agent corrosion hazards, and details concern-
ing manufacturing processes and test and inspection procedures. Powder densities as low
as 14.4 Pascals within the honeycomb panel have proven successful in preventing ballistic
related fuel fires. Figure 16 shows a typical nonmetallic specimen following HE ballistic
impact.

For ullage explosion to occur

in the fuel tank, a flammable fuel/
air vapor must be present and there
must be an ignition source. Given
a hit by an explosive incendiary
projectile into a combustible mix-
ture in the ullage area, the sever-
ity of the ullage explosion is de-
pendent on the ullage volume and
the specific fuel/air vapor ratio
present. The severity of the ex-
plosion related damage is then de-
pendent on the fuel cell strength,
the proximity of the cell to criti-
cal structure, and whether or not
the tank is ruptured. If the tank
is ruptured and fuel spillage occurs,
the probability of related cata-
strophic in-flight fuel-fed fire
approaches unity. Considering the
effects caused by the blast and com-
bustion overpressure of ullage ex-
plosion, much of the discussion con-
cerning hydraulic ram pressure gen-
erally applies. In addition to
using internal foams, the concept
of inerting the combustible vapors
in the ullage is highly effective
in preventing explosions and fire.
Testing has shown that if the oxygen
level in the ullage is kept below
10% by volume, combustion cannot
occur. One of the leading approaches

Figure 16. Ballistically Damaged Kevlar Powder for accomplishing this is through
Panel Test Specimen. inertinq the ullage with nitrogen

gasses. Nitrogen can be readily
generated onboard the helicopter by taking engine bleed air and passing it through an air
separator module (i.e., molecular sieve or permeable membrane) which dumps the oxygen en-
riched air overboard and passes the oxygen depleted (nitrogen enriched) air through the
fuel tank ullage area. Such a nitrogen inerting system would weigh approximately 6 kg
for a helicopter similar to the A11-1 Cobra. The danger of having an ullage explosion,
however, may be significantly reduced if JP-8 fuel replaces JP-4 fuel, as anticipated in
the next few years, due solely to the lower volatility of JP-8.

Active detection/suppression systems are also proving successful in providing protec-
tion against ballistically caused fuel system fires primarily in the large dry bay areas
adjacent to the tanks. Two concepts initially developed in the U.K. are being tested in
the U.S. for potential application in Army helicopters. One concept uses transducers
located within the tank to sense pressure change resulting from ballistic impact and
activates appropriate high rate Hlalon 1301 extinguishers. A second concept uses optical
detectors which respond to U.V. radiation during incendiary or HE projectile impact on
the fuel tank and provides a signal to discharge extinguishers which contain a powdered
agent. Ballistic testing of this latter concept in an actual helicopter dry bay wherein
fuel was leaking from the wound in the cell demonstrated that fire suppression is com-
pleted within 200 msec after detonation of the projectile utilizing an extinquishant con-
centration of approximately 150 gm/m 3 . No attempt was made to establish the lower limit
of concentration. Such a system would weight approximately 4.5 kg for a helicopter similar
to the AH-1 Cobra.

Effort is presently underway by the Army to accomplish detail design and development
of a fuel fire protection system to reduce the vulnerability of its helicopters to the
explosive/incendiary projectile. The system will employ select pieces of the individual
concepts discussed above, i.e., powder-filled panels/structure, U.V. active detection/
suppression and nitrogen inerting. The system will be designed for subsequent demonstra-
tion on the AH-1 Cobra; however, the major components of the system will be generic so as
to be applicable to all Army helicopters.
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Rotor System Vulnerability

In discussing rotor system vulnerability, focus will be placed on the primary com-
ponents of the main rotor, i.e., blades, hub, and control rods/linkages. The rotor sys-
tem is a much more complex structure than the fuselage, being subjected to a considerably
wider variety of conditions within which it must operate. Combat damage to a rotor blade,
for example, can easily prove catastrophic to the helicopter due to the effects on the
in-flight dynamic response of the total helicopter system even though the blade has suf-
ficient residual strength to carry flight loads after the damage. As such, the design
of a ballistic tolerant rotor system must involve a "total systems" approach even beyond
that necessary for the fuselage.

The rotor system was not a major contributor to the overall helicopter Av against
the small arms (7.62mm and 12.7mn.) threat encountered in RVN, even though the PK for the
main rotor controls was extremely nigh when impacted with a projectile. In fact, the
main rotor blades on the Army helicopters in RVN were capable of receiving multiple small
caliber hits without catastrophic effects even though ballistic tolerance was not specif-
ically a part of their design. Considering today's threat, however, the main and tail
rotor systems combined comprise a significant portion of the total of Av of the helicopter
against the 23-57mm high explosive projectiles, including both attrition and forced land-
ing kills.

Within the rotor system the main rotor blade has by far received the greatest atten-
tion to date. Numerous reports and papers have addressed the many R&D efforts directed
toward improving the blade's ballistic qualities while also improving other design and
performance features. It is well established that the prevention of the separation of a
part of the rotor blade at a spanwise station is fundamental to the ballistic survivabil-
ity of the blade/helicopter system. The loss of inJividual pieces of the blade such as
box sections, especially from inboard stations, may not necessarily be catastrophic, but
the separation of virtually any spanwise section of the blade generally will be. Such
spanwise losses usually result in large unbalanceed forces which in turn cause high vibra-
tions and/or asymmetrical lift, either or both of which usually result in an uncontrolla-
ble helicopter. Further, the rotor blade must be able to withstand major structural dam-
age in high strain locations and still have sufficient stiffness and fatigue life to per-
mit the helicopter to make a safe landing. Key parametýrs then in the design of a bal-
listically survivable rotor blade are the spar chord length, structural configuration,
and materials used. In general terms, it iFt imperative to spread the structure out and

provide redundant load paths and to use materials that possess low notch sensitivity and
high fracture toughness characteristics. Numerous programs over the past few years have
investigated various advanced structural concepts and materials toward the development of
rotor blade designs that are tolerant to the high explosive projectiles. A consistent
result from these programs is that rotor blades constructed from composite materials show
significant improvement in HE ballistic survivability over equivalent sized metal blades.

Rotor blade ballistic survivability has received increased emphasis within the US
Army as evidenced by the capabilities of the blades shown in Table 10. In assessing the

TABLE 10. HELICOPTER MAIN ROTOR BLIADE BALLISTIC SURVIVABILITY COMPARISON

BLADE RELATIVE 23MM HEI
NO. CHORD BLADE VULNERABILITY

HELICOPTER BLADES 1IM) CONSTRUCTION (ATTR+F.L. KILLS)

UH.60A 4 .528 TITANIUM D. SPAR, 9.0
HOMEX HONEYCOMB CORE,
FIBERGLASS SKIN
GRAPHITE TRAILING EOGE

YAH.64 AAN 4 .533 MULTI-TUBULAR STAINLESS 10.0
STEEL/ FIBERGLASS SPAR,
HOMEX HONEYCOMB CORE,
FIBERGLASS SKIN
STAINLESS STEEL TRAILING EDGE

CH.47D 6 .813 FIBERGLASS D. SPAR/ 9.S
TI NOSS CAP,
NOMEX HONEYCOMB CORE,
FIBERGLASS SKIN
GRAPHITE TRAILING EDGE

AH-IS 2 .762 MULTI.TUBULAR 80
FIBERGLASS SPAR,
NOMEX HONEYCOMB CORE,
FIBERGLASS SKIN
KIVLAR TRAILING EDGE

UH.1H 2 .533 ALUMINUM D. SPAR/ 6.5
HONEYCOMB CORE/SKIN/
TRAILING EDGE

OH-58C 2 .330 ALUMINUM D. SPAR/ 5.5
HONEYCOMB CORE/SKIN/
TRAILING EDGE
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relative vulnerability numbers shown, 10 is considered best, i.e., least vulnerable.
Although the BLACK HAWK and attack helicopters' rotor blades were designed against the
small API threat, they both have proven through testing to be tolerant to the small
high explosive projectile. Typical of such testing would be that shown in Table 11 for the

AAH blade where a 1.83 meter specimen wasTABLE 11. YAH-64 MAIN ROTOR BLADE SECTION TEST ballistically impacted and subsequently
tested. No discernible crack growth wasBALLISTIC TEST observed during the first 76 minutes

HE Projectile Impact in Spar (21,900 cycles) of representative flight
at Midspan loads. The specimen continued to carry

the test loads after approximately 5 hours

19,000 kg Tensile Load (Combined Loads of testing although the damage had grown
in Hover due to CF and Flap, Chord and significantly. The objective of the test
Torsion Moments) was to demonstrate the capability of

FATIGUE TEST flight for 30 minutes (8,670 cycles)
subsequent to the ballistic damage.

5.1 Hours Total (89,350 cycles) This objective was appreciably ex-
9,615 kg CF ceeded. Although the BLACK HAWK main

rotor blade utilizes a welded titanium
+ 678 n-m Flap Moment "D" spar concept, it has also provenS2,180 + 428 n-n Chord Moment tolerant to the small high explosive

projectile. Basic design philosophy112 n-m Torsion moment for this spar includes additional

material to safely operate at very
high stress allowables, and a wider spar planform, i.e., almost 50% of the chord length.

Although significant progress has been made in reducing the vulnerability of the
rotor blades, continued work is necessary, particularly relative to improving the surviv-
ability of the small chord blades to the HE projectile.

The main rotor hub, although not generally designed for ballistic tolerance, proved
to be relatively invulnerable against the small arms (7.62mm and 12.7mm) threat in RVN.
It is believed that this results from the hub being one of the most compact, strongest
components on the helicopter. Although very little testing has been accomplished to verify
it, these existing hubs would probably also demonstrate relatively low vulnerability to the
high explosive projectiles. The more modern BLACK HAWK helicopter hub, which is titanium,
was designed against the small API threat, but has shown through testing to be tol-
erant to t'.e small HE projectiles as well. The hub area is again one wherein com-
posite materials offer a good opportunity to improve ballistic survivability while at the

same time obtaining sig-
nificant reduction in hub
weight and cost. In pur-
suing this opportunity, the
Army conducted a research
program wherein a graphite

11) hub was investigated as ap replacement component for
- the existing titanium hub

on the CH-54 Heavy Lift
"Helicopter. A one-half

* •scale model graphite hub
was fabricated and struc-
turally tested which dem-
onstrated, among other
desirable features, the
capability for a 25%
weight savings and a 75%
cost savings over the
existing metal hub. Al-
though not experimentally
verified, analysis showed
the composite hub to be
highly tolerant to the HE
threat. Figure 17 shows
the three-plate composite
hub concept investigated.

Figure 17. Composite Plate Hub, Assembly.

As mentioned earlier in the paper the flight controls on RVN era helicopters are
highly vulnerable to essentially all ballistic threats. Their vulnerable area is general-
ly the same as their presented area since the probability of kill approaches unity given
a hit on one of the control components. Fortunately their total presented area accounts
for only a small percentage of the overall helicopter presented area. Considerable etfort
has been expended in investigating, testing, and developing ballistic tolerant flight con-
trol components, once again with the focus on composite materials application. Light-
weight, low cost, highly survivable designs for mechanical components such as connecting
links, bellcranks, idler arms, etc., are readily available for incorporation into exist-
ing helicopters. Due to size effects, however, the very low gross weight helicopters may
still require some parasitic armor to protect parts of their control systems. Typical
composite ballistic tolerant flight control components investigated are shown in Figure 18.
Flight control system survivability for future helicopter systems should be capable of
even further improvements with the continued development of the advanced fly-by-wire/
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fly-by-light concepts.
These advanced control
concepts will permit
the designer to more
efficiently accomplish ......

the wide separation of
components and system
redundancy which are
keys to ballistic sur-
vivability of the
flight control system.

Higher Caliber AA Threat

For purposes of com-
parison, Table 12 pro-
vides the general char-
acteristics of the 30mm
HEI-T projectile versus
the 23mm HEI-T projectile.
As can be seen, the 30mm
projectile has over three Figure 18. Composite Ballistic Tolerant Flight Control
times the high explosive Components.
weight and over two times
the body weight of the 23mm.
The kill mechanisms would TABLE 12. 30MM VERSUS 23MM HEI-T CHARACTERISTICS
be generally the same for
both projectiles, ex-
cept for a larger
radius of damage for BODY HE TOTAL SERVICE
the 30mm. Analyses FUSE METAL FILLER PROJECTILE MUZZLE
indicate that the vul- WEIGHT WEIGHT WEIGHT WEIGHT VELOCITY
nerable area for a PROJECTILE (GRAINS) (GRAINS) (GRAINS) (GRAINS) (M/S)
typical helicopter
would be between three 30mm 1185 4462 662 6431 765
and four times greater
for the 30mm versus 23mm 569 2123 215 2954 930
the 23mm, in the attri-
tion kill categozy.
Notwithstanding this, the prognosis for reducing the vulnerability of the helicopter
against the more form.idable 30mm HEI-T threat is very good. Testing is presently
ongoing to better define the explosive characteristics and damage producing potential of
the 30mm HEI-T projectile, and to evaluate means of reducing the vulnerability of the
helicopter agalst this threat.

FUTURE THREATS

Broad scaled combat in the near future would be very intense and would subject the
helicopter to additional threats beyond those already discussed in this paper. Foremost
among these additional threats would be laser and nuclear weapons and chemical and bio-
logical warfare. Reduction of the vulnerability of the helicopter to these threats is
presenting new and difficult challenges to the designer, especially since considerable
effort still remains in defining and understanding the enemy threats and in determining
their lethality and kill mechanism for the various helicopter systems.

The laser threat is generally broken out into two categories: low energy lasers
(LEL) and high energy lasers (HEL). The LEL's, such as those assoc4.ated with target
detertioz, range finding and illumination, are considered a current battlefield threat
for the helicopter, primarily concerning the crew's eyrs and the helicopter's sensors
and optics subsystems. They do not normally pose a threat to the helicopter structure.
Although probably still a few years away from becoming a viable tactical weapon on the
battlefield, the HEL's do possess sufficient energy to do catastrophic damage to the
helicopter structure and other subsystems which are exposed to the laser beam for only
a few seconds. The nature of the damage done to the structure is dependent both on
the fluence level on the target and the characteristics of the beam, e.g., high fluence
concentration on a small spot; high fluence knife-edge like cut by quickly moving the
beam in a line over the structure; or a low fluence, large spot beam which flood loads
the structure. Unless a critical component within the fuselage is damaged, the high
fluence burn through of a small hole in the helicopter structure may be no more serious
than a hole made by a ballistic projectile. Properly designed, the structure should be
capable of taking many such holes, especially if constructed of composite materials.
At the other end of the spectrum, however, catastrophic structural damage may easily
result from area heating highly stressed structure with relatively low fluence levels.
In this case, composites would be cause for added concern in predicting the structural/
dynam'c response since they have lower temperature limits and lesser homogeneous char-
acteristics than do the metal.

will_ _ _ _ _ _ _ _ _
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A number of techniques and materials are being investigated and evaluated toward
reducing the vulnerability of the helicopter to the laser threats. For the LEL, protec-
tive films and coatings are being developed for the sensors and optics subsystems and eye
shields for the crew, all of which generally reflect the laser incident energy away.
Also, the soft structures of the helicopter, i.e., transparencies, are being investigated
Loward providing mechanisms, preferably field replaceable, to absorb the incident energy,
probably turning opaque in the pLocess but protecting the eyes of the personnel onboard.
Helicopter-mounted smoke/aerosol dispensing systems are proving effective in providing
protection against both the low and high energy lasers by attenuating the incident energy
through absorption and scattering within the cloud dispensed between the helicopter and
the laser threat system during a combat encounter. Protecting the helicopter per se
against the HEL direct attack will probably require a two-phased effort. The first and
easiest step will be to provide shields or barriers constructed of laser resistant ma-
terials to cover critical components, subsystems or structure. These barriers will per-
form in the same general context as the parasitic armor plates presently used on heli-
copters to protect against ballistic projectiles except that they will use reflective,
absorption, or ablative mechanisms to defeat the incident laser energy. The second step
will be to integrally harden the component or helicopter structure against the direct
laser threat. Although this is potentially a more efficient method of protecting the
helicopter against laser threat weapons, it is by far the greatest, ch'allenge to the de-
signer and will require a much greater period of time for accomplishment.

The nuclear threat, considering both tactical and strategic weapons, has been preva-
lent for years but very little has been accomplished directly toward hardening the heli-
copter against this threat. In elementary terms, the primary by-products of a nuclear
explosion include the flash, thermal radiation, nuclear radiation, blast overpressure,
and an electromagnetic pulse (EMP). The first three (flash, thermal, and nuclear radia-
tion) are considered a threat primprily to the crew, whereas the final two (overpressure
and EMP) are a more direct threat to the helicopter system per se. The EMP resulting
from a nuclear explosion, both near surface and excatmospheric, or from a nonnuclear EMP
generating weapon poses a potentially serious threat to the electrical and electronic sub-
systems of the helicopter. The threat becomes especially serious considering mission
completion for the modern helicopter since it possesses considerably larger quantities of
sophisticated communication, navigation, and weapons fire control equipment over the heli-
copters of the 60's, This is an area where much work remains concerning defining the
EMP threat and the countermeasures required for each specific helicopter system.

The greatest amount of damage to the helicopter in a potentially survivable nuclear
encounter will probably result from the blast overpressure associated with a near surface
explosion. Several simulated explosion tests have been conducted over the past few years
wherein the helicopter wa.4 included as a specimen to assess its vulnerability to the
nuclear blast threat. In one of these tests a UH-lB helicopter was in hover flight when
the simulated nuclear explosion occurred, being flown remotely by a ground-located pilot.
The blast simulated a weapon of approximately I kiloton in size, and the helicopter was
hovered approximately 792 meters from ground zero so as to be subjected to a 12.41 KPa
overpressure shock. The intent was to cause severe, but not catastrophic, damage to the
helicopter. The helicopter had onboard instrumentation for obtaining data on main and
tail rotor blade flap bending, vehicle rigid body motion, fin and tail boom lateral bend-
ing, and blast induced strain in the tail boom structure. Although there were some in-
consistencies in the data obtained and poor correlation with predictions for somc param-
eters, the test of the helicopter was highly successful. The ground-based pilot con-
tinued to fly the helicopter during and following passage of the overpressure shock wave,
which lasted approximately 340 msec, and subsequently brought it to a successful landing.
Referring to Figure 19, highest main rotor flap bending moment occurred at an inboard
station on the blade, having a peak value of approximately 4,858 n-m. The spike peaked
approximately at 120 msec and was approximately 20 msec duration. Average peak-to-peak

value at this location prior to the
1100 blast was 1,920 n-m. Referring to

Figure 20, the highest peak-to-peak
U 0 value recorded for tail boom lateral
U bending moment was approximately 36,149

Z n-n, with the spike peaking at approximately
0 .1|00" 95 msec and lasting approximately 150

msec. Average peak-to-peak value re-
z •-2200 corded prior to the blast was 6,213 n-m

for the boom. Tail boom lateral bending
S-3300- moment allowable in the UH-IB is 40,668

n-m. The helicopter experienced, on the40 side facing the blast, considerable
wrinkling of the skin panels, some local

z yielding of stringers and loss of the
0 5500- soft, transparent structure.Z

Airmobile operations under NOE
flight conditions will make the hell--40 040 80 120 160 200 240 280 320 360 copter particularly vulnerable to the

TIME, MSEC chemical and biological agents used at
low levels against ground troops. Of

Figure 19. Main Rotor Blade Flapwise Bending these two, chemical warfare poses the
Moment (STA 35). greatest immediate threat and, in fact,

must be looked upon as a "conventional"
weapon for the modern battlefield.

__A
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Since the biological -agents use living 45000-
organisms or toxic by-products of living
organisms, they are very difficult to I 36000-
handle and do not normally produce im-
mediate casualties. As such, they are
not considered a major near-term threat. 0
On the other hand, the chemical agents 18
are much easier to handle and to dis- z
pense and normally produce immediate
results. Primary agents used for these Z 9000-
gasses would include phosgene, chlorine, 0"
mustard, lewisite, hydrocyanic acid and 0 0
cyanogen chloride. Countermeasures for
chemical and biological warfare will in- Z -9000
volve the development of both personnel a

zprotection devices dnd hardening con-
cepts for the helicopter, the latter of CO.18000,f I !
which has not been addressed in heli- -100 0 100 200 300 400 500 600 700 800 900
copter design to any great extent to TIME, MSEC
date. Hardening of the helicopter
against these threats will without ques- Figure 20. Tail Boom Lateral Bending Moment
tion be extremely difficult to accomplish. (STA 112).
Two primary concerns exist: to prevent/
minimize infiltration of the agents into the cockpit/cabin areas and into the external
access compartments, both while the kielicopter is parked and in-flight; and decontamina-
tion of the helicopter once contaminated. The decontamination concern alone can have
major impact on the design of the helicopter as the materials used in its construction
must be totally compatible with the decontaminating agents/processes utilized.

The above discussion on future threats is very superficial in nature. Each threat
addressed is within itself a subject for further intense analysis and reporting. It is
hoped, however, that the information provided properly scopes the immensity of the chal-
lenge faced by the designer in effecting countermeasures within the helicopter system to
reduce its vulnerability to these types of threats. It should also be evident that such
countermeasures must be considered early in the design phase and, for maximum effective-
ness, must be integral to the overall design of thehelicopteras a total system.

SUMMARY

- The helicopter is a combat proven machine that has become an integral part of the
inventory of US Army equipment that is required to satisfactorily fulfill the combat
and combat support roles.

- The lethality and sophistication of today's threat has significantly increased over
that of the Vietnam era and the prognosis for near future threats is further cause for
concern.

- Survival of the helicopter on the modern battlefield will depend on several key factors,
including: signature reduction and electronic countermeasures; tactics; and hardening
of the helicopter against the various threat systems.

- The helicopter will continue to be ballistically and otherwise damaged in combat. As
such, it must have combat sustainability. It must have the ability to continue to fly
at guaranteed flight load levels following damage from specific threats. The design
should be such that the combat induced failure of a single element or subelement should
not result in catastrophic failure. Further, the combat damage must be readily repair-
able, to the maximum extent possible at unit maintena'ice levels.

- Efficient and economic measures for improving helicopter combat survivability must
continue to be developed and applied. This will result in increased mission effective-
ness and the preservation of resources, to include men, material, and equipment.

- Design criteria and needs must be periodically adjusted as necessary to reflect the
changing threats.

- The structural designers must be kept abreast of these threats and understand their
various effects/kill mechanism for each specific helicopter/component.

- For maximum effectivenss the designer must consider survivability issues in the same
light as other design considerations, e.g., weight, load factors, and fatigue life,
during the initial design phases of the helicopter.

- It is considered imperative to the long term esprit de corps of the crew that they have
confidence that the equipment they fly has been specifically designed to better help
them survive in combat considering reduced vulnerability against hostile air defense
systems.

oi g
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Report on Session II

NEW CONCEPTS/DAMAGE TOLERANCE

by

K.Brunsch
MBB GmbH/D-u V D-132

Postfach 80 11 40
8000 Munchen 80, FRG

In this Session three papers were given:

I. "Application of Damage Tolerance Concepts for MBB Helicopters" by M.v.Tapavicza and F.Och.

2. "Justification en Fatigue de Pi&es en Matdriau Composite Bdnrficiant du Concept "Fail-Safe"
by G.Stidvenard.

3. "Compact Damage Assessment" by C.H.Carper.

The first paper gave a survey of the damage tolerance methodology used by MBB for the BO-105 and MBB's share
of the BK-I 17. For introduction, fracture mechanics are described briefly and the well known Forman equation
da..a C..AKn is presented. General reference is made to the determination of the service life of"safelife
dN (I -- R).K¢ -- AK

components with slow crack growth" capability. Service life time and inspection intervals are calculated depending on
damage detectability, fatigue strength of the components and crack growth rate.

Components, developed to damage tolerance are presented:

- Quadruple nut - a part of the main rotor centrifugal force retention system to link the tension-torsion straps
to the hub. The primary load path is solid steel; the secondary path is a wrap around of high strength steel wire.
Failure of the primary path results in a noticeable unbalance of the rotor. The service life is unlimited and
inspection is not required.

- Tail rotor drive shaft coupling - laminated steel, 12 sheets. Salt atmosphere reduces fatigue life but results in
partial failure only - infinite life, 1200 lirs inspection.

- Main rotor shaft-to-hub joint - multiple stud and bushing. Damage tolerance due to material used - steel with
fracture toughness of KIe = 4500 Nmm -312,

- Glass fibre composite main rotor blade - well known damage tolerance of composite material.

Mr Sti~venard's paper very clearly described the determination of the service life of components with damage
tolerance, i.e. of composites. This methodology was successfully applied to the Starflex rotor hub.

At Aerospatiale the basis for the work presented is:

The joint Aerospatiale-French authorities request failure probability for any individual part below or equal to
10-6 during service life, requiring:

- knowledge of material fatigue properties
- knowledge of representative load spectrum
- knowledge of probability of onset of crack in component
- knowledge of component crack propagation rate if the load spectrum is applied.

Having evaluated the probability of onset of crack and the probability of crack propagation to ultimate failure, it
is very easily possible to combine these two to an overall failure probability. By that, the service life can be determined
depending on inspection intervals, as shown in the concluding table. Service life of a component ranges from 1000 hrs
at a 100 hr inspection interval to 5000 hrs at a 10 hr inspe-tion period.

Mr Carper's paper starts with an impressive graph on corn t field survivability of helicopters as it was in past
(Vietnam), is today and will be in future.
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Measures to improve survivability are indicated - reduction of visual, radar and IR-signature, reduction of noise,
ECM and tactics such as nap-of-the-earth flight but also it is stated that the helicopter will receive ballistic hits. The
need for specialized vulnerability reduction concepts is pinpointed.

Vietnam experiences are presented for low intensity and mid-intensity battle fields. From 1967 to 1971, OH-6
helicopters flew 1.1 million flight hours, experienced 3,774 incidents and 532 losses by energy ground fire.

In a mid-intensity battle field, 90 helicopters of different sizes were lost within 60 days, most of them by 7.62 mmfire. Information is given on major contributors to vulnerability with 6 components of the main rotor control system
among the 10 first ranking components.

Finally, some designs of tail rotor boom with reduced ballistic vulnerability were shown. All of them were"advanced technology" framework design like, e.g. "isogrid" filament winding technology. The papers were very clear
and produced little discussion only. The need to adequately instruct users of composite primary structures on crazing,
delaminations and cracks was pointed out in discussion.

I•, : = = " • _ ~ l J J I ..[ r l J
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AN EVALUATION OF FATIGUE PROCEDURES FOR UK MILITARY HELICOPTERS

by

R Cansdale

Airworthiness Division, Structures Department
Royal Aircraft Establishment
Farnborough, Hants GU14 6TD

England

SUMMARY

Current UK procedures for the fatigue substantiation of military helicopters are reviewed in the
light of practical experience of testing and of service usage.

The problems of demonstrating both "safe lives" and "damage tolerance" are examined. Mention is
also made of the philosophy and problems of clearing composite components.

I INTRODUCTION

The formal UK requirements concerning fatigue strength of military helicopters are set out in MOD
Aviation Publication 970, Volume 3. However in many areas these are known to ne deficient and the recent
practice has been for more stringent clearance procedures to be stated in the Specification against which
new helicopters are procured. These procedures, applying tu the Weetland Lyn.:, were very ably described
by Mr A D Hall in his paper given two years ago at the 47th meeting of this panel.

It is these procedures, rather than the word of AvP 970, which I have tried to evaluate in this
paper. Additionally I have looked at some of the problems associated with the use of composites. It is
perhaps worth noting that amendments to AvP 970 at present being debated may differ both from the old
AvP 970 requirements and from tlc procedures used for the Lynx, so that some of the problems diocussed here
will have already been taken into account.

This paper expresses the views of the author and does not necessarily represent the official view of
the Royal Aircraft Establishment.

2 GENERAL

The first question to answer in an evaluation of fatigue clearance procedures is how successful are
they in safeguarding the airworthiness of the fleet - how many helicopters are lost or damaged due to
fatigue failures?

Looking back over the last twenty years the British Services have had about two dozen major
helicopter accidents due to fatigue failures, in which the aircraft suffered Category 3 damage* or worse.
Unfortunately from the point of view of this paper, none of these accidents occurred to aircraft which
were designed to current procedures. Nevertheless, I believe that there are some valuable lessons to be
learnt from them.

I do not propose to dwell on the cause of each accident, but it is instructive to see where the
failures occurred (Fig 1). There are two Category 3 accidents, three Category 4 and twenty Category 5;
However six of the Category 5s involved ditching and it is possible that the aircraft would have been
repairable had the failures happened over land.

it is clear from the table that it is very rare for an airframe failure to cause an accident.
Although one Category 5 is listed under the airframe heading this is only a tentative identification
because the aircraft was not recovered from the sea. The rest of the accidents were due to failure of
parts which would normally be classified as "vital" or "primary". It is tempting therefore to dismiss
airframe fatigue as being unimportant, but a review of accidents gives only one side of the picture.

In addition to the failures which cause accidents, there are many lesser failures whose cost is
more difficult to quantify. Even when failures do not occur there is a cost to the Services in terms of
loss of operational capability due to the time spent on inspection and repair. If it were possible to
allocate these costs to various components, the picture would be rather different to Table 1 and airframe
fatigue would play a more significant part.

In writing this review of our fatigue procedures I have found it convenient to consider the subject
in broadly two parts, the first concerned with vital parts, which are basically the dynamic components and
a few airframe parts, and the sccond with the rest of the airframe.

* Category 3: Damage which is repairable on site but beyond unit technical resources.

Category 4: Damage which is not repairable on site.

Category 5: Damaged beyond repair.
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3 VITAL PARTS

3.1 At the moment the parts of the helicopter which are classified as "vita", that is to say whcse
failure would immediately hazard the safety of the aircraft, are treated on a "safe-life" basis (the only
exception being some rotor blade spars protected by the B1i7 (Blade Inspection Method) systems). By safe-
life we mean a life during which the probability of failure is at an acceptably low level. To demonstrate
this we use factors on test which mean that failure of a component will occur only if its strength is about
three standard deviations below the mean value for the population. What probability of faillire this implies
depends on the distribution of strength which is assumed - about 1 in 1000 if it is normal or approaching
zero if it is a Weibull distribution, as seems more likely. Whatever the number, it appears to be a broadly
acceptable level.

In general it is not practicable to test large numbers of each component to establish the variability
of strength and since there is a large amount of data on metallic materials the factors are based on past
experience of variability. For newer materials such as composites we have yet to build up this bank of data
and the clearance procedures are more involved; I will return to this in Section 5.

For the low frequency loads such as those imposed by landings, rotor starts, etc, the factors are
applied on a life basis as is usually the case for fixed wing aircraft. However for loads induced by the
rotor at high frequency it is necessary to factor the magnitude o? the, loads to give a margin of safety at
the flat end of the S-N curve.

3.2 Looking first at the Design Phase (Fig 2), the only real problon about the operational requirements
is that they always seem to change as the project progresses; this ol course is inevitable in an inter-
active military scenario. All that can be done to guard against it is to design with something in hand
and try to preserve this against the inevitable weight saving axercises. On the Ministry side we can try
to ensure that the requirements are reasonable and necoesary and not just specified as an automatic improve-
ment on the previous aircraft.

The fact that the airworthiness requirements of Av.' 970 are due for revision has already been
acknowledged. One of their shortcomings was simply that the factors called for to cover variation in
fatigue strength were too small. Nevertheless we s,ill have helicopters giving satisfactory service which,
for example, have gearboxes designed with a stress factor of 1.1 rather than the 1.3 currently used for 4
test specimens. This however should not be taken as justification for the 1.1 factor but more as a
demonstration of the perspicacity of the designer who made the gearbox capable of tolerating the odd gear
tooth failure without disaster.

Of the factors used for the Lynx, all I can say is that they appear to be adequate insofar as the
few fatigue failures which have been found in service have been due to causes other than those which would
be expected to produoe failures on test - such as inclusions occurring very rarely in the material.
Whether this is because the factors are just right to allow for the strength variability, and all the other
assumptions are correct, or whether the factors are larger than needed for material variability and are
also covering our ignorance of other matters is harder to say. I suspect that the latter is true to some
degree.

One of the problems in writing the Aircraft Specification is the definition of the aircraft's usage.
In the past we have tended to use the American AR56 and CAM 6 documents as a basis for the spectrum of
forward speed etc. This has led to a somewhat anomalous situation in at least one case, possibly due to
differences in terminology in defining speeds. The spectrum in this case included 30% at V110 (normal
operating speed), 3% at Vl, (never exceed speed) and 0.5% at 1.1 VN. Clearly to obtain a reasonable

fatigue life for dynamic components it is necessary for the loads to be virtually non-damaging at VNO.

The loads tend to increase rapidly with speed so that the life is very dependent on the time spent at VNE
and 1.1 VNE . The maximum speed now defined in the aircraft's CA Release corresponds to VNO so we have

the odd situation that the fatigue life is largely governed by flying which in theory should not be done.

In fact this spectrum has now been modified to what is believed to be a more realistic usage.
However fatigue lives are always likely to be sensitive to the amount of time assumed in the more damaging
parts of the flight regime. Hopefully in future our estimates of usage will derive more realism from the
monitoring programmes currently being undertaken.

Fatigue strength data can be a problem, particularly at the very long lives, 108 or 109 cycles,

needed for many helicopter components. There is also a growing awareness that constant amplitude test data
is not always a reliable guide in the selection of items such as fasteners where the beneficial effects of
compressive stress introduced by interference fits can be much reduced by occasional high loads.

3.3 Turning next to the Development and Production Phases (Fig 3), it is worth noting the importance of
designing even the prototype aircraft with production in mind. Obviously the fewer differences there are
between the two standards the more relevant the development testing will be to the final substantiation.

It is necessary to be aware of the assumptions made in the derivation of the spectra of loads for
the various components. The intended role will have been specified together, probably, with a speed
spectrum end the number of landings per hour. The designer then has to decide what the role will entail in
the way of manoeuvres, and which of these is likely to be critical from the fatigue point of view. Test
flying is then done to measure loads. inherent in this procedure are the assumptions that the critical
flight regimes can be identified and that the test pilots can reproduce the sort of flying that will be
done in service.

On fixed wing aircraft there have been occasions when these assumptions have been shown to be false;
for example on one type the Service pilots found that they could improve the roll rate by using the rudder.
This unanticirated use of the control resulted in fatigue cracks in virtually every aircraft in the fleet.

-N-- ----.---.------- ~ -



7-3

However on helicopters the severity of the fatigue environmnt even in level flight, may reduce the
significance of the finer detail of the manoeuvre spectrum. Nevertheless the possibility of error in this[ link in the chain of fatigue substantiation must not be forgotten.

Fatigue testing of helicopters is a complex process and the various components present different
problems so I shall discuss them separately. In general though there has been a move away from constant
amplitude testing towards the use of better mixed loading, usually in the form of block programmes.
Although this makes for more complicated testing we believe that it produces more realistic results.

3.3.1 Main Rot,.r Blades

Although any future design is almost certain to have composite blades, our experience to date has
been mostly with stainless steel or light alloy blades. Most of the fatigue testing has been done using a
single mechanical exciter to provida combined flap and lag lcading. Because of the difficulty in simulat-
ing the centrifugal field loading on a blade and the fact that there is often more than one critical area,
it is not usually possible to substantiate the whole blade by single tests on the complete blade. This
proble& may get worse if the full potential of composites is realized in tailoring the strength and stiff-
ness of blades to the local loads; this will increase the number of critical areas to be cleared.

3.3.2 Rotor Hubs

The main rotor hub is subject in service to a very complex pattern of loading, particularly if it isof a non-articulated design such ae the Lynx. On-off centrifugal loads, on-off torque and the oscillatory
flap, lag and torque loads all ha-e different influences on different parts of the hub, and it is very
difficult to simulate accurately the whole loading pattern on test. Because some areas are likely to be
overtested compared to others it may not be possible to obtain a fatigue life f~r the hub directly from
the test duration. Instead it may be necessary to use the teat to establish an endurance Limit for the
failure site and then to use this in conjunction with flight stress measurements to calculate the life.
This method has its own problems, one of which is that the exact failure location ss unknown until the hub
breaks and, unless fortune has been unusually kind, this will not be where strain gauge measurements were
taken eithar on test or in flight. It may be possible to deduce the local stress if the failure is in one
of the simpler areas to analyse. However it ic often in an area of stress concentration with a rapidly
changing stress field in which case further strain gauge or photoolastic work may be necessary to determine
accurate.ly the local loading.

This problem may become somewhat easier in future if we turn to designs where separate elements are
used to carry the different loads, such as Aerospatiale's "Starflex" hub or other split-load-oath designs.
It might then be possible to do individual and simpler tests on the various components.

3.3.3 Gearboxes

Our standard method of testing gearboxes is to run them under a programme of various power levels tc,
provide a well mixed loading. The levels are subject to a factor of 1.4 for a single test and 1.3 for four
tests. These factors originated in the British Civil Airworthiness Requirements and theie seems litt.oe
doubt that they provide a very good guarantee of in-service life. The size of the factors does mean
however that there could be a risk of the mode of failure on test being different from that in service.
It is therefore important to check that the meshing patterns of the test gears are of similar character to
these in service and that excessive disto:rtion of the casing is not taking place. The use of special
lubricants may be necessary to ensure that the higher contact pressures do not cause unrepresentative
failures due to scuffing etc.

The outer exasings of the gearboxes are tested under loading from the rotor and control systems as
well as from the gears using the usual structural safe life factors; this does not seem to produce too many
problems.

On some of our more modern gearboxes we are in a situation where most flight power levels are non-damaging and the life is governed by the zime assumed in the spectrum at contingency powers. If this time
could be logged the gearboxes could be lifed on condition. Gearboxes are an interesting mixture of safe
life and damage tolerance because although we demonstrate safe lives for the gears, shafts and casing.
some items such as bearings and shims, are not amenable to this treatment. They hava to be protected by
the fault detection systems, eg, chip detectors and magnetic plugs. These will also provide early warnings
of some gear failures.

3.3.4 Airframe Vital Parts

We are talking here chiefly of the main gearbox attachments and the adjacent structure. Attempts
have been made to test these parts by using a complete airframe as the specimen and loading it via a dumray
gearbox and rotor head. Although this has the merit of providing the correct back-up stiffness, it has
given a good deal of trouble. The major difficulty lies in obtaining a distribution of high frequency
loading which is even approximately correct. Even if all but loads at blade passing frequency are ignored,
the pattern of shears, bending moments and torques produced by the rotor is very complex and very hard to
reproduce.

The fact that these high frequency loads must be factored also tends to produce unrepresentative
failures elsewhere in the structure, due to panel buckling eto, which although not very significant from a
fatigue point of view, do hold up the test.

For these reasons it has been found more satisfactory to do separate tests on the indi.'idual attacn-ment points using several hydraulic jacks on each to obtain the correct stress distribution.
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£1 AIRFRAME NON-VITAL PARTS

Although there are many parts in this category whose failure would be highly undesirable, the rather
less severe loading environment and perhaps greater degree of redundancy prevent them from being classed as
vital. As was noted earlier, failures in the airframe cause few crashes. Nevertheless airframe fatigue
can cause a great many headaches; starting with the Aircraft Specification.

Because even non-catastrophic cracks cost time and money to repair it is not unreasonable for the
customer to write in some requirement relating to airframe fatigue performance. If, as has happened in the
past, this requirement is written in terms of a safc life for the airframe, then strictly a test using the
vital part factors is called fsr to demonstrate compliance, This is not too difficult to do if onl. low
frequency loading is considered, since a life factor can be used as in fixed-wing practice. However on
helicnpters there are often many areas where the high frequency rotor induced loading cannot be igncred.
At the very least it imposes a fretting environment on the structure which must be simulated on test to
get the right conditions for crack initiation. However if the loads are sufficiently high to be themselves
damaging, then they have to be reproduced on test and at factored levels.

Our experience has shown up two fundamental difficulties here. First-y, if both high and low
frequency loads aee to be applied on the test in a well mixed spectrum, a system will be needed to apply
and react the low frequency loads in addition to the system used for ýhe high frequency. Thus the air-

I frame is constrained in a very different manner to that ,ihich it experiences in flight and hence its
vibration mode shapes are changed and its response to test loading may be quite different. To ensure that
the whole strincture is adequately tested, load levels may have to be raised so that many parts will be
ovsrtested.

The other problem is that even if a realistic etress distribution is obtained, the fact that the
high frequency loads must include a stress factor of about 2 tends to produce unrealistic behaviour such
as panel buckling. In practice these two things mean that the test is plagued by a succession of failures,
most of which are vnrepresontative and unlikely to occur in service.

It would seem that tho only circumstance in which a true "safe life" will be able to be demonstrated
for . hlitcopter aii framo will be if the Specification calls for vibration asle sufficiently low - to
give non-damaging high froqeency stresses even when factored. In view of the other obvious benefits which
a low vibration environment confers this would seem to be the right solution, but of course it will
probably have to be paid for in terms of weight for vibration control measures.

If specification of a "safe life" for the entire airframe leads to all these difficulties, the
alternative is to recognise that some crackirg can be allowed to happen without immediately nazarding .he
aircraft, and to call up a damage tolerance requirement.

Fatigue requirements for damage tolerant design are under intensive discussion in the UK at the
moment so it is difficult to say what ef'.3et these will have c'n testing in future.

The American damage tolerance requirements for fixed wing aircraft require propagation times to
failure to be calculated for defined uizes of cracks which are assumed to be present as flaws in the air-
craft structure as built; inspection times can then be defined. it is a little difficult to see how this
type of requiremint will be applied to a helicopter airframe since it does not appear at present to be
within the state of the art to predict the high frequency stress distribution with sufficient accuracy.

It seoms likely that, at least in the near future, our airframes will be built to a compromise
between the full Kll-Spec type damage tolerance requirement and the old met ied of designinS for a safe life
under the low frecuency levels; the aim probably will be to design for a safe life under the low frequency
loads plus an. essmed high frequency stress distribution whilst at the same time trying to build in the
obvious damage tolerance virtues of redundancy and inspectability.

We shall in future have to examine very ocrefully what it is that we are hoping to achieve by doitg
a major airframe fatigue test. It ham been suggested that +idcall we should do two, one fairly simple one
at an early stage in the development programme to highlight weaknesses which could then be corrected for
production, and one later on a full production standard structure to demonstrate complian(e with the
Specification. In practice however it is doubtful whether an early test would produce sufficiently
reliable results avon enough to affect the production design, and the airworthiness of the aircraf+ could
probably be better safeguarded .y •iong individual fatigue tests .f the crit;.cal areas. Providel therefore
that the Specification can be worded in such a way as to protect +he customer's interests without requiring
demonstr.ticn of compliance by test, I think it is rather unlikelo that we shall again attempt a complete
airframe fatigue test, at least until the high frequency stresass are reduced to nop-dammaging levels.

5 COMPO3'TES

Although many of ur precont helicopter designs in UK have composite components, in the main these
have been in non-fatigue 4.±t.cal areas or parts where a large ad-hoo saperfactor to cover uncertainty
cc•d be accepted without cmpromasi-. trc design. However we are now embarkiL.,, on the design of rotor
components in reinforced plastic ma.erialz and clearance procedurez have had to be agreed for tnese

prosprnnmez.

The main problems are the lack of background knowledge of strength variability in the various
failure modes and. of the lozg term effects )f environment on the proper'ties. The latter is the more
difficuit to provide rapid answers to and we may have to have some form of progressive clearance procedure
which might not be -ompleted until after the aircraft enters service. Those who have experience of making
composite blades may well ask why we do not just take note of their experience and sidestep the problem;
the answer is that certain features of our designs are significantly different from what has been dc'ie
before and could havie A different susceptibility to things like moisture ingress. These factors hurv to
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be checked out since one of the basic tenets of our composites programme is that these components shall be
shown to have a standard of airworthiness at least equal to metal parts already in service.

I, We have a number of somposite demonstrator programmes running at the moment and the strategy here
has been initially to avoid the environmental issue by aiming only for a limited clearance, say 50 hours
flying. Fig 4 shows ar outline of a typical clearance programme. We start by using a hopefully conserva-
tive estimate of variability to obtain factors which are used in the design phase. The component is then
built and tested to find out where and how it fails. Structural elements representing these failure modes
are then tested in larger numbers to determine the variability. Tests on actual components, if necessary
after redesign, are again carried out to obtain the mean strength and confirm that failure modes have not
changed if there has been any redesign. Initial lives can then be calculated from this knowledge of mean
strength and variability using cmlculated loads. Provided that the lives are satisfactory, ground running
and initial flight trials to measure loads can take place. The lives can then be recalculated, using at
least for the moment, Miner's hypothesis.

We would expect a production clearance to follow a similar pattern but perhaps with a somewhat
different emphasis on the various parts, reflecting the confidence gained from earlier programmes and the
need to cover environmental effects.

6 SAFE-LIFE OR DAMAGE-TOLERANCE?

Those parts of our helicopters whose structural integrity is essential to the safety of the aircraft
are lifed almost entirely on safe life principles. As we have seen, these involve a long chain of assump-
tion and actions. There must undoubtedly be weaknesses in some of the links at times, but on the whole a
measure of conservatism at all stages maintains the overall integrity of the process.

Occasionally however some defect introduced in manufacture or service, or some flight regime whose
damaging characteristics have not been recognised, will cause a catastrophic failure against which the
safe life philosophy in no protection.

An additional objection to the safe life system is its sheer wastefulness: by definition the vast
majority of life-expired components are thrown away when perfectly sound in order tc guard against the
rare weak one. For these r-asons I would strongly support the view, expressed in Mr Hall's paper two years
ago, that we should try to apply damage tolerant design principles to vital parts.

This means that the parts will have to be designed so that even if a crack is initiated early by a
defect, it will not propagate to failure before it is detected. This approach obviously throws more
emphasis on inspection. In spite of the various drawbacks of the safe life system, the fit-and-forget-
until-time-expired con,,opt has obvious attractions for Services who are short of manpower. They will
certainly not thank us for increasing tha amount of inspection effort required.

All the same the wisdom of not relying entirely on safe life was .early demonstrated to us a few
years agc when one of our in-service types sufferod a series of early fa+igue cracks due to corrosion in
the main rotor blade spars. Fortunately the blades were fitted with BIM. But for this we should
undoubtedly have lost at least one aircraft. Furthermore, we should have been forced to ground the
whole fleet for inspection, causing our Services considerable operational embarrassment. As it was the
aircraft kept flying, although it was necessary to do a rapid check to see thal the inspection period for
the BIM was still adequate. Even this would have baen unneceasary if a cockpit-indicating system had been
installed.

This example highlights another snag with safe life and advantage for damage tolerance - what
happens when things go wrong? If che failure is due to uomething such as corrosion which invalidates the
safe life clearance and which may apply to all aircraft of a type, they must all be inspected. If there
4s no adequate degree of damage tolerance or system such as BIM, the aircraft may have to be grounded and
a massive am.unt of work is suddenly generated.

In tne bnd it all comes down to a question of cost effectiveness. For this reason I suspect that we
may find the civil maricet leading the way in developing additional devices on the lines of BIM. Health
me. itoring systc-as for engines and gearboxes axe commonplace, and as individuals we ourselves have a system
whict, guards our personal structural integrity, called pain. Pain of course not only tells us when a
failurc has occurred but when the loads are approaching damaging levels, so it combines the functions of a
BIM system with those of a cruise gui'e indicator and a 'g' meter. However mechanical analogues to pain
cannot be allowed to increase the woi4 of the already overlcaded crew, but the use of on-board computer-
based systems, perhaps coupled to speech synthesisers, could avoid a proliferation of warning lights and
buzzers in the cockpit.

Wide secale use of active monitoring iystems for structure is probably a long term possibility. In
the short term composites aat elastomeric bearings seem to offer the prospect of relatively slow and benign
failure modes which should enable 3ome rotor system components to be lifed on condition withort increasing
the amount of inspection much beyond weat is normally done as routine husbandry. ,n addition some of the
uncertainties about aircraft usage may be removed by the use of on-board computer facilities to record air-
caft usage by moni'oring either fligbt parars tors or p-rhaps loads directly; fatigue meters nro of course
already widvly used on fixed wing aircraft.

7 CONCLUSION

The fatigue substantiation methods eurrentiy in us, in the UK appear to be succeeding in maintaining
an adequate level of airworthiness in our military helicopters, mainly by means of the safe life philosophy.
Nevertheless there are recognised areas of weakness in the system and in many reapsots it is •.asteful.
These factors are movinC us towards damage tolerant designs and on-condition lifing.



7-6

REFERENCES

No Author Title, etc

1 A D Hall Helicopter Fatigue Evaluation "(The UK Approach)"AGARD Report No 674 - September 1978.

Copyrigh
Controller WG4O , O



8-I

HELICOPTER FATIGUE - A CIVIL VIEW
by

H.E.Le Sueur

Civil Aviation Authority
Airworthiness Division

Brabazon House

1. INTRODUCTION

Until now being fully aware of the sensitivity of the helicopters to fatigue, and the inability to
provide alternate load paths, the helicopter structural engineer has been forced to adopt a safe fatigue
life approach in determining the airworthiness of the helicopter structure. This has been unsatis-
factory as a few statistics will show.

2. IMMEDIATE HISTORY

Using the well known methods specified in Appendix A to CAR 6 (now AC20-95 Ref 1) estimates of Safe
Fatigue Lives have been obtained for such items as Main Rotor Blades.

Applying these Approved Safe Fatigue Lives in service has led to the following statistics for a twin
engined helicopter type:

YEARS IN SERVICE 18

TOTAL NUMBER OF HOURS 915,000

NUMBER OF ACCIDENTS 42

NUMBER OF FATAL ACCIDENTS 12

NUMBER OF FATALITIES 133

OF THESE 12 FATAL ACCIDENTS

5 WERE DUE TO ROTOR FAILURE
2 WERE DUE TO TRANSMISSION FAILURE.

In United Kingdom Civil Operations we have accumulated 500,000 hours of twin engined helicopter flying
resulting in 18 accidents with one fatality over a period of fifteen years.

So the average accident rate is >3 per 100,000 hours and the fatal accident rate approx 4 per 300,000k
hours for Civil Twin Engined Helicopters.

We have reason to believe that the accident rates for military helicopters are of the same order, if
not worse.

The important thing is that in the civil field these figures are not to be tolerated and steps must be
taken to improve them.

What methods are available to reduce those accident rates which are due to structural failures.

3. INETHODS IMMEDIATELY AVAILABLE

3.1 Reduction in Speed

It has generally been agreed that a scrap life on a rotor blade of less than one thoc uz.d hours is
uneconomic, in fact a life of ten thousand hours would be sore acceptable. Let us uoaume a life of
ten thousand hours. This means that only 0.01% of the fatigue damage can be sustained in any one
flight. In other words the majority of the flight is non-contributory to fatigue damage and the
damage only occurs during the rare excursion to the extremes of the flight envelope in termse of
manoeuvre, airspeed both lateral and forward. It would therefore appear that the flight envelope
should be restricted in terms of forward speed. in the UK we restrict the forward speed such that
the never exceed speed VNE should not be exceeded in the event of a slight upeet i.e. if the maximum
level speed of the helicopter VH is higher or equal to VNE then a normal marrimum operating speed VNO
should be imposed which is 10% or 10 kts less than VNE (Ref 2). This we believe has been a major
contribution to helicopter safety.

3.2 Landing Pull Ups

When the helicopter comes into land it is essential to ensure that the rotor carries its own weight
until the helicopter is firmly on the ground i.e. there is no significant reduction in rotor speed
likely to cause the blades to bang on the stops. The occurrence of such incidents requires monitor-
ing. In the past it has been assumed that the fear of the Main Rotor striking the tailcone would
prevent such an occurrence subject to proper training. However, there is evidence to suggest that
such an incident led to a fatal accident some five hundred hours later.

3.3 Maintenance and Overhaul

In the maintenance of helicopters it is essential that the Rotor Heads be properly serviced to ensure
that dampers have adequate fluids and that the blades are properly tracked. When overhauling compon-
ents and reclaiming parts it is essential that techniques such as shot peening and vebrittlementj after plating are properly carried out.
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3.4 Extensive Testing

The S-N curve for steel has in the past. been considered to have a knee between a million and ten
million cycles i.e. it was considered that if a component made of steel was tested to more than 107
cycles it would be free from fatigue. However, in the event, after a large number of gearboxes of
an early design had accumulated many hours it was found that the planetary gears were failing due to
fatigue and that such a failure resulted in a fatal accident. This demonstrates the necessity for
fatigue testing. The use of life factors is inadequate when considering stress reversals of the
order of 10 million cycles or more no there is a necesslty for factoring the torque applied to the
gearbox. For British Civil Helicopters we require a stress factor of 1.4 for a single test (Ref 3).

4. DEVICES

4.1 Early Warning Indicators

In examining the methods of calculating safe fatigue lives it becomes clear that the approved methods
leave a lot to be desired. When considering the stress cycle involved for a rotor it is apparent that
the major part of the cycle is start up - shut dowzi and unless this part is below the fatigue limit
for the material then there is bound to be some fatigue damage every flight or start up. If the blade
ha& a calculated safe fatigue life of say 10,000 hours then during its life it has been subjected to
10 or more such cycles and will no doubt suffer some fatigue damage over and above any due to those
stresses measured in flight if the above proviso is not applied.

Again the accepted method of calculating safe fatigue lives is based on

a) Fatigue testing of new components.

b) Strain gauge analysis of prototype aircraft operated within a specified flight envelope.

c) A predetermined flight schedule that bears little relation to what occurs in practice.

This programme does not allow for :

I Deterioration in service due to corrosion and mishandling.

II Undiscovered mistakes in quality control such as inclusions, anodic burns etc.

III The occurrence of lightning strikes.

IV Inadvertent exceedance of the flight envelope due to weather conditions, inaccurate calibration
of instruments etc.

V Increase in vibratcry stresses due to imbalance of rotors, erosion of blades etc.

VI Any change in operational requirements.

It requires a lot of faith to expect the factors of the approved methods to cover all the above vari-
ables. So what have we available EARLY WARNING INDICATORS.

It took a number of accidents to convince the manufacturers, operators and airworthiness authorities
that some form of early warning was necessary and that simply reducing the safe life everytime there
was an accident was not a satisfactory solution.

Several methods have been tried

a) Blowing up the blade spar.

b) Evacuating the blade spar.

c) Electroconductant Paint, films etc.

Each of these methods have had some measure of success but the record is not one hundred per cent and
improvements have been found necessary.

4.2 Adequate Warning

In providing an early warning indicator it is necessary to have adequate warning. In determining a
SAFE FATIGUE LIFE it was assumed that failure occurred at crack initiation i.e. the component was no
longer airworthy. With an EARLY WARNING system it is necessary to go beyond this point and allow some
crack propagation and we are now in the realm of fracture mechanics. It is to be noted that once a
crack has formed the stresses at the edge of the crack are well above the fatigue limit of the material
for the crack to propagate. It is necessary to do crack propagation tests to determine the time from
crack indication to ultimate failure. We therefore have two periods (1) the time from crack initation
to crack indication, and (2) the time from indication to ultimate failure. It is essential that the
latter time is sufficiently long for adequate steps to be taken to avoid a catastrophe. As we are
dealing with stresses much higher than the fatigue limit a scatter factor of the order of 5 in terms
of time as used in fixed wing theory should suffice. Unfortunately this measure did not avoid an
accident and it was necessary to tighten the procedures.

4.3 Cockpit Warning

When considering the normal vibratory stress against speed of the helicopter it 4s of the shape shown
in Figure 1, i.e. the stresses increase with increase of speed at normal cruising speeds so if it is
possible to warn the pilot of an impenling crack he can back off speed, decrease cyclic stress and
have a comparatively longer time to make a safe landing.
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5. OTHER COMPONENTS

5.1 Tail Rotors

In assessing the fatigue characteristics of tail rotors the maximum load is likely to occur near the
ground in the hover. Surges of power to react rudder loads are required and unstable airflow through
the tail rotor may occur.

There are too many accidents due to tail rotor failure and it is difficult to find a satisfactory
solution. At the moment the requirements establish a design standard but the adequacy of that design
standard can only be proved in service. The use of materials with low crack propagation rates and
vibration monitoring may provide a partial solution but the present situation is not exactly happy.

5.2 Main Rotor Heads

Several accidents have occurred due to the fatigue failure of part of the main rotor head. It has not
always been clear what caused the failure but some indications are

1) Inadequate shot peening during salvaging at overhaul.

2) Incipient damage due to pounding on the stops leading to crack propagation.

3) Corrosion fatigue in areas not visible for normal inspection.

There is no obvious method of preventing the above accidents except to learn by experience and after
the accident be more vigilant to prevent a recurrence.

5.3 Landing Gears

Several cases of fatigue have occurred on landing gears both wheeled and skid. Usually the situation
has been contained because of adequate inspection and the fact that a helicopter normally lands with
zero forward speed and any undercarriage malfunction can be noted before catastrophe occurs. This
did not however prevent a fatal accident on the PANAM roof in NEW YORK.

6. THE FUTURE

The majority of catastrophic accidents to helicopters involving structure have been due to fatigue of
some kind and in comparing the civil helicopter with the civil jet aeroplane the accident rate for
helicopters appears to be worse by a factor of at least two. Again a higher proportion of helicopter
accidents are due to structural failure. This being the case there is need for improvement.

There would appear to be some benefit to be obtained by the introduction of damage tolerant materials,
the incorporation of multi-load paths and the use of vibration monitoring but therc is still a long way
to go before we will be able to say we havy learned to live with fatigue.

REFERENCES

oI. FAA A.C. No 20-95 FATIGUE EVALUATION OF ROTORCRAFT STRUCTURES.

2. B.C.A.R. Section G Chapter G8-2 Para 2.3 NORMAL OPERATING LIMIT SPEED.

3. B.C.A.R. Section G Appendix to Chapter G3-4 FATIGUE TESTING OF GEkRBOXES.
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HELICOPTER COMPONENT FATIGUE LIFE DETERMINATION

by
M. J. McGuigan

Manager of Structures Technology

Bell Helicopter Textron
P. 0. BOx 482

Fort Worth, Texas 76101 USA

SUMMARY

The fatigue evaluation program for helicopter components is reviewed and some of the
uncertainties that can be encountered in each stage of the program are discussed in some
detail. These include the fatigue test and the flight loads measurement phases. Also
considered is the frequency of occurrence spectrum and the effects of changes in operational
usage as well as possible solutions to the problem of the resulting changes in load spec-
trums. Variables in the final fatigue life calculations are discussed and some different
approaches to setting component retirement time are discussed. In view of the existing
uncertainties involved in the "safe life" determination process the "fail safe" approach
is considered and some examples are discussed of damage tolerance testing for both metal
and composite main rotor blades.

INTRODUCTION

The helicopter component fatigue life determination process is a complicated and
many-faceted procedure. Many of the elements that go into this process are very difficult
for the manufacturer to accurately define, and there are some over which he has little
control. Realizing this, the manufacturer must apply certain conservatisms into each step
of the total process. In some cases "state of the art" improvements and advances in other
technologies have occurred which can be used to eliminate some of the uncertainties in-
volved. The fatigue life determination process is described step by step, and it is shown
how some recent advances can be used, in some instances, to improve the situation.

In order to determine the fatigue life of helicopter components, three basic fac-
tors must be known as shown in Table 1. The first factor is the fatigue strength of the
component, the second is the loads or stresses to be expected in normal flight, and the
third is the frequency of occurrence of these loads or stresses. To obtain the information
necessary to adequately define these factors for the many fatigue critical components in
a new model helicopter an extensive fatigue evaluation program must be undertaken. A de-
tailed look at this program is appropriate.

Fatigue Strength

The information to define the first factor, fatigue strength, is usually obtained by
constant level fatigue test of several specimens of the actual component in order to des-
cribe the S-N curve for that component.

A major reason for choosing constant level tests over spectrum loadin9 tests points
up one of the principal differences in the fatigue problem between fixed wing and rotary
wing aircraft. That is, the rate of accumulation of loading cycles and, therefore, the
total number of cycles to which components are subjected in a given amount of flight time
is much greater for the helicopter. The helicopter is subjectad to significant osc4llatory
loading at some multiple of the rotor speed even in steady one "g" level flight. A typical
helicopter main rotor may accumulate one million load cycles in about fifty hours of flight
at one load cycle per revolution. The tail rotor may be subjected to one million cycles
in only ten hours.

The advantages of spectrum type tests are well known and some are listed in Table 2.
While these advantages are significant, the disadvantages must also be considered and some
of these are shown in Table 3. The primary disadvantage is that a very large number of
load cycles are required to be applied in this type of test. As an example, to substantiate
a fatigue life of 5,000 hours for a main rotor component by spectrum fatigue test of only
one specimen, using a scatter factor of four, would require the application of four hundred
million load cycles. For a tail rotor component two billion cycles would be required.
Since tests of several specimens are required, this type of testing is beyond the realm of
practicality. The only way to make it practical is to truncate the spectrum to obtain a
reasonable number of load cycles. This procedure, however, carries the problem of showing
incorrect effects from fretting which is one of the more significant items in the helicopter
fatigue picture. Spectrum fatigue tests can, rn the other hand, be a very useful tool in
the conduct of crack propagation tests in which the flight time considered is reduced.
The spectrum test then becomes practical.

An additional disadvantage is that the complete loading spectrum must be defined prior
to staxting the test. While the "state of the art" in analytically determining rotor loads
has improved greatly in past years, the loads used for fatigue life determination are re-
quired to be measured in actual helicopter flight by all certifying agencies. This would
therefore mean that the final flight loads survey program would have to be completed before
any fatigue tests could be started.
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The last disadvantage shown, that of assessing life changes with spectrum changes,
is a particularly bothersome one for helicopters for which new methods of operation are
continually being developed. This aspect will be discussed in more detail later.

In view of the foregoing, the fatigue strength of each component is usually obtained
by constant level fatigue tests of several specimens of the actual component in order to
describe an S-N or load versus cycles curve for that component. All facets of these tests
are handled in a conservative manner in order to produce valid and yet conservative test
results. The actual mating components, assembled as in the helicopter, are usually used
to support and load the test specimen. Very large and complicated testing machines are
custom built in order to obtain the proper loads and loading distributions on the large
parts such as rotor blades and hubs. The load distributions are based on flight measured
values. The steady test loads are maintained at a conservative level for the tests of
all specimens. However every laboratory test is a compromise in some respects, and the
exact simulation of os.±±latory flight loads in a fatigue test machine is often difficult.

In actual flight, the ratio and phasing of inplane loads to flapwise loads will vary
from one flight condition to another as will the steady load and the spanwise loading dis-
tribution. Also, multiple failure modes are frequently encountered in the tests making
test results difficult to handle.

The data obtained from these tests is usually handled in some statistical manner to
account for the scatter in fatigue strength as shown in Figure 1. In general, the methods
of analyzing fatigue test data used by most helicopter companies are very similar, but
there can be considerable differences in the detailed application. First, the typical
small sample size makes statistical analysis for an individual part difficult. Therefore,
most companies use additional information from more extensive small specimen tests, or
their own data base from many past component fatigue tests, or both. Most all analysis
uses an S-N curve shape equationi and an assumed statistical distribution of stress at the
endurance limit, i.e., normal, log normal, etc. Since neither of these are generally es-
tablished or standardized, the variations in these factors can cause a considerable dif-
ference in the fatigue lives which are eventually determined. An effort has been initiated
in the U.S.A. to achieve some degree of standardization (Reference 1).

Flight Loads

The information to define the second factor, the loads or stresses to be expected
in normal flight, involves an extensive flight load survey wherein the flight imposed
steady and oscillatory loading is measured in many level flight and maneuver conditions.
The loads for these flight conditions are measured over a range of gross weights, rotor
speeds, center of gravity positions, and altitudes as shown in Table 4. Since the flight
loading must be measured on many fatigue critical components and the load distribution
must be defined on some )f these, many channels of information must be recorded. On a
typical helicopter flight load survey 100 channels of data might be required. Since each
level flight and maneuver condition must be repeated at several gross weight, center of
gravity, rotor speed and altitude conditions, as many as 120,000 total data points must
be obtained. This creates a rather large data handling problem. Magnetic tape record-
ing and automatic data reduction and plotting systems must be used to obtain the necessary
information in usable engineering units. Great care is taken in the automatic record
reading systems to prevent the recording of erroneous data. Error detection safeguards
are built in throughout the procedure.

Some knowledge of the uses or missions in which the helicopter is to be engaged in
its lifetime is necessary in order to select the flight conditions to be investigated
in this flight loads program. Even if this is accomplished there is some concern over
the variation in loads from pilot to pilot and some from one aircraft to another since
the helicopter is a finely tuned dynamic system. The individual pilot's technique and
the severity of the maneuvers which he performs can affect the resulting loads; therefore
maneuvers of different severity are frequently flown to investigate this effect. Also,
the effects of normal atmospheric turbulence on the os6illatory rotor loads is another
complicating factor. Therefore, some manner of accounting for the scatter in loads is
employed by most manufacturers. When enough data is available an "upper edge of data
scatter" approach can be used. Or a system can be employed wherein, for a given maneuver,
the highest load recorded for any gross weight or altitude, as an example, may be used
in the subsequent analysis.

Frequency of Occurrence Spectrum

Iaformation on the third factor, the frequency of occurrence of these loads or
stresses, is somewhat more difficult to define. This involves a description of the usage
or mission profile for the new model helicopter in order to be able to assign a percent
of the total flight time to each of the flight conditions investigated in the flight load
survey. This information is not something that the manufacturer can completely define by
any type of testing at his facility durinn the qualification or certification program. A
conservative approach to this problem is attempted in order to create a loading spectrum
as severe as any that the helicopter can be expected to encounter in actual service. To
this end, extensive use is made of past experience with similar purpose helicopters. All
available data from previous flight recorder programs of actual operations, as well as
some operations analysis of particular missions are considered. However, in spite of
this effort, new uses, environments, and methods of operation are continually being devel-
oped for the helicopter that cannot be foreseen during original qualification.
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Concrete examples of these new uses that have arisen after helicopters have been in
service for some time are a matter of record. in the case of military helicopters there
is the nap-of-the-earth mission that has been in use for some time and the air-to-air com-
bat mission which is now being seriously considered for some helicopters. In the commer-
cial helicopter usage, an example is the repetitive heavy lift operations with an external
cargo sling wherein the frequency of occurrence of extreme power excursions has become
very high. This has resulted in accelerated fatigue damage and reduced retirement times
for some components that would not otherwise have incurred significant fatigue damage in
service.

One possible answer to this difficulty may lie in the use of flight recorders to
determine just how the helicopters are used in actual service. A number of attempts at
"this approach have been made in the past, but the recent application of microprocessors
to these recorders may make this approach both more practical and economically feasible.
Micro-processor recorders have been tried recently in both military and commercial usage
with some encouraging results. One such application was initiated by the U. S. Army
(Reference 2) to develop a recorder which incorporated "flight condition recognition"
features which stores in a microcomputer memory unit the information necessary to describe
the frequency of occurrence for various flight conditions to record and describe t'e
mission profile for the helicopter. With a recorder on each aircraft, a ground data re-
trieval unit, and a supplemental software system to calculate actual fatigue damage
incurred, it is planned to replace parts on an as required individual basis rather than a
blanket retirement time for the fleet. This system is now being implemented on several
AH-l Attack Helicopters and may be practical in a situation where one organization (U. S.
Army) controls all helicopters and all spare parts in the fleet. Bell Helicopter Textron
has acquired several similar flight recorders and thus far has sampled data from three
aircraft of one commercial helicopter model used in off-shore drilling rig support in the
Gulf of Mexico. The recorder, and data retrieval unit are shown in Figure 2. The flight
recorder, including microprocessor mini computer, is small and weighs only 13 kilograms.
This data is being used currently to aid in developing frequency of occurrence spectrums
for new helicopters in process of certification that may be used in a similar role. The
magnitude of this effort would, however, be considerable if each new use is to be sampled
as it is developed by the commercial operator and component retirement times changed as
dictated by the new spectrum. Any attempt at adjusting retirement times to be commensurate
with a particular helicopter usage creates a whole new set of implementation problems in
itself. So far the U. S. Federal Aviation Administration has not looked favorably on
setting different retirement times for the same model, which are dependent upon the types
of usage in which the helicopters are engaged. It is obvious that it would create addi-
tional problems of administration and enforcement for them considering how frequently air-
craft are switched from one type of operation to another, and traded from ono owner to
another. One possible solution to this problem might be a procedure for factoring flight
time based on the type of operation. In this system the retirement times would be estab-
lished from a basic FAA approved frequency of occurrence spectrum. Then new and different
types of operations could be assessed and a factor determined relative to the original
basic spectrum and retirement times. Thus. in various operations each flight hour would
be multiplied by a factor of 2, 3 or 0.5 as appropriate to determine the flight hours to
be charged toward the basic retirement time.

In connection with ýhe repetitive heavy lift problem, one difficulty is that operators
who are not engaged in this type of operation must endure the same lower retirement times
on some parts even though it is not necessary. One possible solution is to base retire-
ment times on the number of sling loads carried rather than flight hours. Some precedent
exists for this system since some parts of some fixed wing transport aircraft have retire-
ment times based on number of landings rather than flight hours. The FAA still has pro-
blems with both of the possible solutions, but perhaps a workable arrangement can be imple-
mented in the near future.

Fatigue Life Analysis

Once the information on the three basic factors is available, there remains the inte-
gration of all this data into the fatigue life calculation using The Cumulative Damage
Theory (Miner's Method). Because of the differences in detailed application of each one
of the many steps that go into the complete calculation, large differences in the calcu-
lated fatigue life can be obtained by fatigue analysts. This fact was illustrated at the
American Helicopter Society Fatigue Methodology Conference in St. Louis, Missouri in MArch
of 1980, Reference 1. For this conference, seven different helicopter companies calcu-
lated the fatigue life of a hypothetical part from the same set of information supplied
by thA U. S. Army. The results are summarized in Table 5 where it can be seen that con-
siderable difference existed in the calculated lives. A large portion of this difference
was caused by the amount of scatter reduction taken from the mean S-N curve to obtain the
working S-N curve. Other factors which contributed to the difference were the shape of
the S-N curve used, the statistical distribution of stress at the endurance limits, and
the cycle-counting method used. In addition one company included a flight loads scatter
factor based on its own moiel for statistical distribution of flight loads.

Since the hypothetical problem was contrived to make it useful for this purpose, many
steps in the total process were not included. Some of the differences between the hypo-
thetical problem and re'l situations are: the frequency of occurrence spectrum was over-
simplified, there was no opportunity to consider scatter in flight loads, there were no
fretting failures, non-failures, or different failure modes in the S-N data.
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Each manufacturer handles each step in his own manner with differing degrees of con-
servatism in each. Therefore, it is possible that if the total process was handled by each
company using its own methods, the final answers may not have been as different as in this
hypothetical case.

Several companies use a recommended retirement time considerably less than the calcu-
lated life to account for some of the unknowns. Bell Helicopter Textron has established a
policy in recent commercial helicopter certifications of setting the retirement time in
both flight hours and calendar time. This policy has been instituted because aging, high
time helicopters, if poorly maintained, present an increased risk of failure. The most re-
cent commercial model certificated carries a maximum of 5000 hours or 10 years for all
principal rotor and control system components above the boost actuators.

Damage Tolerance

Another approach to the fatigue problem that has been used in fixed wing aircraft for
many years is the "failsafe" or damage tolerant approach. This procedure is very desirable,
but is much more difficult to attain in helicopter dynamic components than in typical fixed
wing structure. One reason is because of the flapping and feathering freedom that enable
helicopters to fly and the necessary interface between rotating and non-rotating controls.
Another reason is the rapid accumulation of loading cycles previously referred to and the
consequent tie-in with the necessary inspection intervals and procedures to enable the
"failsafe" approach to work properly. The U. S. Federal Aviation Regulations did not allow"failsafe" certification for helicopters until October 1968 (Reference 3) and the FAA pol-
icy material and guidelines outlining acceptable procedure for such certification were not
published until May 18, 1976 (Reference 4).

One major helicopter component with which some success has been recently achieved
using a "failsafe" approach is the main rotor blade. In the case of metal or principally
metal blades the use of glass safety straps running spanwise inside the hollow spar (the
main load carrying member) has achieved some degree of success. The installation of the
glass strap is shown in Figure 3 where it can be seen that the unidirectional S-glass
strap is bonded to the upper and lower sides of the hollow "D" spar and its presence is
not necessary to carry the required design loads. The benefits of this strap are two-fold.
First, the rate of fatigue crack propagation is greatly reduced, once a failure is ini-
tiated, giving normal inspection procedures the chance to find the crack before it becomes
catastrophic. Secondly, the residual static strength of the blade with a crack present is
greatly increased. The comparative crack propagation is shown in Figure 4 where the curve
on the left is for the basic blade and the curve on the right is for the same blade but
with the glass strap installed. It should be noted that the time shown is only that after
the crack became externally visible, or about one inch in length. The crack was initiated
by internally notching the D spar and a considerable portion of that spar was fail3d be-
fore the crack progressed into the externally visible blade skin. Two main rotor blade
configurations which incorporate this feature are now certified and in production. The
latest configuration as used in the Bell Model 222 blade is shown in Figure 5 and provides
failsafe protection for the root retention system as well as the complete span of the
blade. Neither of these blades are certified "failsafe" under the existing FAA procedures.

Another approach which perhaps holds even more promise is the all composite main
rotor blade which can exhibit very favorable damage tolerant characteristics. One su.,h
blade used on the Bell Model 214B has received FAA certification and ouhers are in tha
process of test and certification. The first blade to be certified has been in service
for almost two years and is constructed principally of S-2 unidirectional filament wound
fiberglass and therefore had to be certificated in accordance with the FAA's Advisory
Circular on certification of composite aircraft structure (Reference 5). An extensive
test program was required including environmental fatigue and static tests on coupons,
structural elements and full scale structure (Reference 6) to develop environmental
strength reduction factors for use in the analysis.

Fatigue tests were conducted on these composite blades in a manner similar to that
used for previous metal blades and a retirement time is presently assigned. However, an
example of their damage tolerance is illustrated by Figure 6. This blade specimen was
fatigue tested at an elevated load level to provide a point on the S-N curve and then 5,000
start-stop cycles were applied. The complete 'fterbody was then sawed away leaving only
the spar to react the loads. The spar was also inadvertently notched in the sawing opera-
tion. The notched spar was then tested for the equivalent of 125 hours of flight at a
load level 1.35 times the maximum level flight loads at which time 500 additional start-
stop cycles were applied with no further deterioration of the spar. This test demonstrated
the damage tolerant characteristics of the composite blade with external damage nresent.

CONCLUSIONS

While there are uncertainties involved in each aspect of the helicopter component fa-
tigue life determination process, some of which have been discussed herein, there are con-
servatisms deliberately built in to each step of the process. Those conservatisms tend to
balance the uncertainties of a very difficult problem. In addition, progress is constantly
being made in the assessment of each aspect. The aspect which is probably most difficult
for the manufacturer to assess and over which he has little control is the variety of usage
and new methods of operation that are continually evolving for this vrsatile aircraft.
New developments in technology are making better assessment of this aspect appear more
attainable. The use of composites in major components to achieve improved damage toler-
ance and corrosion resistance should improve the picture further in the future.

1i
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TABLE 1

BASIC FACTORS

1, FATIGUE STRENGTH

2. FLIGHT LOADS

3. FREQUENCY OF OCCURRENCE

TABLE 2

ADVANTAGES OF SPECTRUM TESTING

* FATIGUE LIFE DIRECTLY FROM TEST RESULTS

s ELIMINATES USE OF CUMULATIVE DAMAGE THEORY

o INCLUDES HI-LO STRESS INTERACTION EFFECTS

* ELIMINATES S-N CURVE SHAPE UNCERTAINTIES AND
EXTRAPOLATIONS

TABLE 3

DISADVANTAGES OF SPECTRUM TESTING

* VERY LARGE NUMBER OF LOAD CYCLES REQUIRED
- ONE SPECIMEN, 5000 HRS., S.F. = 4
- MAIN ROTOR: 400,000,000
- TAIL ROTOR: 2,000,000,000

* COMPLETE SPECTRUM REQUIRED PRIOR TO TEST

0 DIFFICULT TO ASSESS LIFE CHANGES WHEN SPECTRUM CHANGES
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TABLE 4

FLIGHT LOADS SURVEY

* VARIABLES
- GROSS WEIGHT
- CFNTER OF GRAVITY POSITIONS
- ALTITUDE
- ROTOR SPEED

*100 DATA CHANNELS

* 120,000 DATA POINTS

* VARIATIONS IN LOADS
- PILOT TECHNIQUE
- AIRCRAFT

TABLE 5
TIGUE LIFE SUMMARY

FATIGUE LIFE - HRS.

WITHOUT WITH
MANUFACTURER CYCLE COUNT CYCLE COUNT

AEROSPATIALE 9 58
AGUSTA 804 13,866
BELL 1831 27,816 (5,000)*
BOEING VERTOL 1294 22,523
HUGHES 2594 24,570
KAMAN 67 191
SIKORSKY 240 470

* RECOMMENDED RETIREMENT TIME 5,000 HOURS OR TEN YEARS
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F-ig. I Analysis of fatigue test d,,ita
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Fig.2 FCM system recorder and retrieval unit



9-9

STAINLESS STEEL ABRRSIO• STRIP ALUMINUM SKIN

ILRLUMINUM BOX BERM

ALUMINUM HONEYCOMB CORE

UNIDIRECTIONAL FIBERGLASS STRAP

Fig.3 Installation of glass safety straps
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Fig.4 Comparative fatigue crack propagation
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FIBERGASS SFETY PAR DOUBLER

STRIP S PROLATESRI

GRPPAEALUMINUM HONEYCOMB SI
STEEL ~ FIBERGLASS AFTERBODY SI

ROOT DOUBLERS

ATTACHMENT LUGS STAINLESS STEEL SPAR FIBERGLASS SAFETY STRAP

Fig-5 Mlodel 222 glass strap configUration

Fig.6 Fiberglass blade damage tolerance
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Report on Session III

SURVEY OF SERVICE EXPERIENCE WITH
REGARD TO EXISTING PROCEDURES

by

J.Darts
Royal Aircraft Establishment

Structures Department
Farnborough, Hants GUI4 6TD, UK

A. Summary of paper by R.Cansdale - "An Evaluation of Fatigue Procedures for UK Military Ilelicopters"

This paper reviewed the current UK procedures for certification of military helicopters and gave the author's
opinion of the way these procedures should develop in the future.

The present factors on stress and power levels used for testing and estimating the life of components were based
on past experience. Factors for composites had not been derived because of the limited vardiJbility data available. The
paper highlighted the problem of defining aircraft usage and that fatigue life was governed by flight conditions that
theoretically were not flown.

A discussion of fatigue testing procedures concluded that testing techniques should simulate the loading environ-
ment in a more realistic manner. The paper recognised the difficulty of testing parts that experience a complex load
environment often resulting in unrepresentative failurs modes. The tailoring of composite structure to the loading
environment may lead to there being more critical areas and therefore a need for more extensive tests. The paper
indicated that certification of composite structure in the UK was at present using very conservative estimates of life.

For the future the paper considered that damage tolerant design could account for the effects of unknowns such
as .orrosion. The increase in manpower needed to perform inspections needed to be considered carefully when using
this design approach. Finally the need for an on-board monitoring system to reduce the number of unknowns in the
loading and usage environment was identified.

B. Summary of paper by l l.E.Lesueur - "Helicopter Fatigue - A Civil View"

This review of certifitation procedures for cihiI helicopters indicated that a safe life approach towards fatigue was
somewhat unsatisfactory. This conclusion had been reached from an assessment of civil accidents which gave an
unaw.eptable ai.cident rate of four fatal accidents per 300,000 hrs. The paper suggested accidents could be reduced by
ehmin,iting excursions to the extremes of the flight envelope and ensuring the rotor carried its ovin weight when landing.
Proper servicing procedures and extensive fatigue test data were also aids to reducing accident rates.

The need for early warning indicators was identified as a result of the inability of safe life procedures to account
fur factors suidh as .orrosion, flight envelope exceedaiie ani changes in operational requirements. The paper concluded
that future designs would benefit from the use of daiiage tolerant materials, multiple load paths and vibration monitors.

C. Summary of paper by M.J.McGuigan and M.E.Gloss - "Helicopter Component Fatigue Life Determination"

Fatigue strength of components, loads in flight and their frequency of ,currence were identified by this paper as
important factors in determining helicopter fatigue life.

To determine fatigue strength of .omponentt, conservative constant amplitude testing was preferred by the authors
because spectrum tests were time consuming. Truncation of a spectrum to reduce testing time could result in an
ineffective simulation of fretting. A standardised approach tov ards the methods of analysing fatigue life data was
suggested. Results of an American Helicopter Stiety exercise had shown that detak I differences in the application of
cumulative damage laws could lead to large differences in life.

The problem of defining the flight loads and their occurrence was discussed by the paper and the size of the loads
data base required for an acurate assessment of usage estimated. As in previous papers the need for flight recorders
and adoption of a damage tolerant design philosophy w.,s suggested.
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D. Discussion of the papers in Session III

Interest was expressed in the best way to perform a flight test programme and how piloting technique could betaken into account. The authors generally agreed that to achieve reliable -esults an extensive programme would berequired hence the adoption of the conservative approich of using the highest load achieved in each flight condition.Evidence supplied from the floor agreed and disagreed with the conclusion that spectrum testing was unsuitable fortesting helicopter components. Testing to large numbers of cycles had been achieved in other fields of fatigue designsuch as automobile.3.

The discussion turned to a consideration of accidents and it was re-emphasised that premature failure of componentswas generally caused by flight envelope exceedance. Accident rates for both civil and military helicopters were discussedbut evidence was supplied that 75% of helicopter accidents were caused by pilot error. Changes in helicopter tactics
were leading to more accidents such as wire strike in NOE missions.
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ESSAI DE FATIGUE O'UNE STRUCTURE COMPLETE DE

L'HELICOPTERE SA 341 "GAZELLE"

- PREPARATION
- CONDUITE
- RESULTATS

PAR

Philippe PETARD Jean-Pierre LAN4BERT
Ing~nieur AEROSPATIALE 8Chef du Laboratoire d'l~bais de
B.P NO 13 Fatigue de Structure au C.E.A.T
13 722 - MARIGNANE (France) 23, Av. Henri Guillaiuret

31 056 - TOULOUSE (France)

1 -La Gazelle est un h~licoptare l6ger, monoturbine, tripales. Sa structure combine des assemblages m6tal-
lioues et en nids d'abeilles. L'h6licoptare a la particularit6 d1avoir un ensemble d6rive-f~riestron qui
remplace le rotor anti-couple classique. Cette conception permet en particulier, aux grandes vitesses,
do r!t1uiro la puissance n6co,:saire sur le f6nestron du fait de l'action a6rodynamique de la d~rive et
d'augaenter en cons6quence la puissance disponible sur Ie rotor principal.

2 -OBJECTIFS:

L'essai d'endurance de la cellule d la Gazelle quS. slest termin6 en mai 1978 avait pour, but de
reproduire en laboratoire, sur une cellule complate, lea sollicitatious temporaires et altern~es et
lea sollicitations dynamiques rencontr6es sur lea appareilo en exploitation.

A partir de cette simulation l'cssai a permis:I

10) de mettre en 6vidence lea parties lea plus fragiles et vuln~rables de la structure qui se manifes-

tent par l'apparition do criques, d'6branlements, matages ou deformations.

20) de contr~ler 116volution des endon~magements.

30) de d6finir des solutions permettant d'arr~ter 116volutiou de certains endornmagements avant qu'ila
prennent un caractare pouvant entrainexr une rupture a progression brutale.

Lea solutions pour arr~ter la progression sont

a) Changerrent de 1'616ment d6fectueux
b) Renforcement dana l'esprit d'une r~paration pouvant se faire en exploitation.

40) de pr~voir la p~riode de la vie de l'appareil A laquelle risquent d'apparaltre lea endommagements
et de d6finir lea fr~quences de controle de la structure ou de remplacement des 916ments.

3 -DEFINITION DE LA STRUCTURE ESSAYEE

L'ensemble de la structure essay~e eat d6fini sur la figure 1. Il comprend essentiellement

- La barque avec le plancher cabine
- La partie centrale supportant le plancher m~canique
- La verri~re qui a une influence non n~gligeable dans la reprise du moment de flexion th~oriquement

repria par Ia poutre de barque
- La partie intemrndiaire (appel~e niche a ohien) qui assure la liaison avec la poutre de queue
- La poutre de queue
- L'ensemble d~rive-f~nestron

Pour information :Pour la Gazelle, dont la masse maxi au d~collage eat de 1900 kg, la structure seule
repr4sente 160 kg.
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*4 -PREPARATION DE !WESSAI

Le sch6ma de la figure 2 nous irdique l'ensemble des op6rations d'6tudes de mesures et de pr6paration
n6cessaires pour aboutir ý Ilessai proprement dit et a son exploitation. Nous allons d6finir les points
les plus caract6ristiques de ce sch~ma.

4.1 -Spectre de vol

Le spectre de vol d~finit l'n'semble des configurations rencontr6es dans un vol type d'une heura.
Certaines de ces configurations, combinges aux sollicitations dynamiques, pauvent avoir un effet
ondommageant sur la structure.

La r6p6tition de ce spectre sera effectude un nombre de fois suffisant pour couvrir la vie
maximale d'un appareil compte tenu d'un coefficient de dispersion adopt6.

La spectre de vol servant de base a tous les calculs d'endornmagement sur les pi~ces m6caniques
de la Gazelle et qui a 6t4 utilis6 pour l'essai de fatigue a 6t6 6tabli A partir des observa-
tions effectu~es sur trois appareil-. militaires choisis pour trois genres diffdronts de missions:
tactiquc, de liaison et technique (t~cole-radio). Les pourccntages de temps dana chaque configura-
tion ont 6t6 6tablis statistiquesent a partir des informations fournies par lea trois apparcils.

Ce spectre de vol couvre l'ensemble dej utilisations civiles et militaires exceptiun faite des
utilisation agricoles et de d~bardage (travail a 1'61inguxe).

4.2 -Collecte des informations int~ressint les essais

Lea informations permettant de connaitre lea efforts de vol appliques a l'h6licoptare mont extrai-
tos, d'une part des r~sultats d'cssais en vol, d'autre part de calculs d6finissant 1cm efforts
a6rodynamiques et 1cm 6quilibres au centre du rotor principal.

La connaissance des efforts de vol en emsal se fait essantiallement par l'intarm6diairc d'6quipe-
ments extenmc~n6tt'iques 6talonn6s et d'acc6l6rom~tres.

Les postes extensom6triques per.mettent de connaltre diractemant lea efforts ou moments appliquds
aux points caract6ristiqucs de la structure. Ils pauvent etre reconduits sur la cellule d'cssai
pour v6rifier 1'6quivalence des chargemants.

Les niveaux vibratoires masurds en vol dana las zones cstim6cs las plus repr6sentatives ont St6
reproduits sur l.a cellule dlessai avec une fiddlit6 jug~e satisfaisanta.

Sur la Gazelle lea postes de contrainte exploit6s ont 6t6

-lea postes de moments en lacet at en tangage a l'cncastrenent de la pou-Cra de queuek
- lc~ postes en traction sur chaquc branche des "v6s" (barres do fixation) de la boite de trans-

rission principale (BTP)
-~ un poste de flexion en battement sur le tube longeron d'cmpennagc
- un poste de flexion en tangage sur la poutre de barque
- un poste en traction aur une bielles de Id platine souple sous la BTP.

11 faut pr~ciscr qua tous ces postas do mesurca ont essentiellement pour but do contr~ler la
mime en charge en essai at non de perinettre l'analy~e de contraintvi dana das zones pr~cises
do la structure. Pour cam analyses ponctuelles des essais locaux mont plus appropri6s.

4.3 -Misc an charge de la cellule dlesaai

La misc en ci' 'ge a 6t6 effectuke sur une cellule lestee a une masse moyenne d'utilisation do
1550 kg au .entrage moyen.

En plus des efforts a~rodynamiques at do manoeuvresintroduits p,ýr le rotor principal, le rotor
arriare at llempennaeý-, Iae structure est soumise aux forces d'inertie dues aux acc6l&'ations
lin6air'es et angulaliis induites par lea efforts de m~noeuvre. L'application sur la structure
des efforts ý'inertie va n~cessiter la mime en place d'un systkme do charges-ant qui doit tenir
compte &~ la r6partition des masses at do la position du centre do gravit6 do l'ensemble dea
masses constituant l'appareil. L~e document do base pour cetta opgration eat la document do
masses at centrages qui d~taille lea masses do V.appev'eil en suffisammant do points pour tracer
lea courbes d'effort trancihant at do momant fldchissant sous charge statique (acL616ra'ion
lin~aix'e unitaire vera Jo baa)sur toute la ilongueur de l'appareil (voir figure 3)
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ACCELERATION DE TANGAGEM
-MOUVEMENTbDE CAB PoIe~

V 70

FIGURE 5

Sur la structure essay~e le nombre de points do chargernent Stait (figure 6)

6 points pour les efforts massiquos ot d'inertie
3 points pour los efforts a6rodynarniques
2 points pour les charges dlatterrisseur'

Pour le rotor arriare ot il'spcnnago, los efforts a~rodynamiques soront rsix6s Avec los efforts
massiquos et d'inertio.

AU ENDUJRANCE CELLWLE

FIGURE 6
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Apras avoir d6fini les grappes de chargement on peut 6tablir les 6quations de chargement d'essai

sur chaque -i6rin qui sont de la forme[ a) Pour les chargements verticaux

Fz =A Tz +- B fly (-Fz a6rodynarnique pour le chargement de l'empennage)

b) Pour lea chargements lat6raux

Fy =C -nz (+ Fy de manoeuvre ou d'6quilibre pour le rotor arriare)

NOTA 7 = 6tant le coefficient dtacc6l6ration lin6aire

6: tant le coefficient dtacc6l6ration angulaire

Pour la d6rive, dans l'essai qui nous interesse, seul Ileffort a&rodynamique a 6t6 ap,)1iqu6.

Pour lea charges appliqu6cs aur lea atterriaseurs, l~s efforts d6finia par l'analyse dleaaais de
chutes 6taient donn6s num6riquement.

Les efforts a6rodynamiques et de manoeuvre d'une part, lea facteurs de charge d'autre part

6tant d6finis, on peut connaltre les efforts sur chaque v6rin et verifier l'6quilibre de l'appa-t reil au centre du rotor principal en le comparant aux efforts th~oriques d6finis par le

Service A6rodynamique.

CVeat d'apras cette v6rification des 6quillibrea que lea efforts ant 6t6 coirmuniqu6s au laboratoire
d'eaaai qui a lest6 la cellule et mis en place lea grappes de chargement.
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5. PRESMITATION DE [L'INSTALLATIOfl D'ESSAI REALISEE AU CEAT

L'installation d'essai de fatigue de la cellule de l'h6licopt~re SA 341 "Gazelle" a 6t6 conque pour
permettre la simulation des diff6rentes sollicitations expos~es pr6c6demsent, qui s'exercent sur la
structure pendant le vol.

Un ensesble d'acquisition permet de verifier la validit6 de 1'essai en effectuai.t des mesures p$riodi-
quesent. Ces mosurcs sont ensuite compar~es ý celles qui ont 6t6 ef-fectu6es s'a. les prototypes lors des
campagnes d'essais en vol et qui ont permis d16tablir le programsme d'essai.

5.1. Description de la cellule essayge et de son b~ti de chargemont

La cellule est coazstitu6e par une structure de d6finition s6rie qui ne comporte que Ilensemble
des 6l6ments travaillants. Les portes, les capots et les cdr6nage3 ne soni. pas mont~s. La majorit6
des organes m6caniques sont remplac6s par des outillages qui permettent l'introcduction des efforts
et qui ont la mame nesse que la piace r~elle.

La cellule esi. lesnz6e de fagon A repr6senter les diff~rentes masses ernport6as (pilotes, passagers,
6quipements, fr~t, k~rozt~ne... ). Elle est suspendue au bati d'essai par llinterm~diaire d'un faux
mat rotor (planches 1 et 2).

Afin de permettre l'excitation vibratoire de la cellule sans transmettre les vibrations 5 l'ensea-
ble du b~ti , un filtre a 6t6 r6alis6, en utilisant des ressorts a compression d'6lastomare, pour
relier le faux mat rotor au b~ti (planche 3).

5.2. Moyens de chargement

Le chargement de la structure zst assur,6 par des v~rins hydrauliques asservis soit en effort soit
en d6placement (v6rins do vibrations).

Les v6r~ns de chargement sont, pour la plupart, fix6s horizontalesent sunr le sol et appliquent les
efforts au moyen de cables et de poulies de renvol (planche 1).

Les v6pins de vibration sont suspendus a un b~ti par une liaison tras souple.

La tigo est fix6e sur les fausses pales du rotor et le corps est libre (montage sismique) ce qui
perrnet d'introduire des efforts relativemont importants avec des sections de v6rin faibles
(planche 10.)

Les v6rins de chargement (au nombre do 11) sont pilotds par des ,'oies dlasservissement analogiques
conques et r6alis~es au CCAT.

P,0.y ~ ~ HW. 466'M~o~~

,n efffortI~ ~~ ~~ S1oneýwa tn

L'6car'z entre le programme et le signal du capteur d'effort a jauges do contraintes pilote, apras
amplification, une servo-valve d~bit qul r6gule la pression hydraulique dans les deux chambres du
v~rip..

Pour les v~rins de vibration, c'est la positicn du corps du v~rin qui eat asservie. Le programmo
eat ume sinusolde de fr~quonce 18,9 Hz et d'& plitude constante.
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5.3. Systame de commande

Le sch6ma c;-d3essous montre los diff~rents ensemb~les et leurs liaisons fonctionnelles.k

Lo ~ ~ o puir ocmado dclivr Aanis~o iorqo auog tdiffiqont 4ratrorup o

fonctions do s~~curit6, visualise l'~tat desrI enfre t ym meffort ras m e o cm an s q

pormottontd'inqorvenr sur 10 u-oulomontdo lessoi

Lo calc latour at 6q i ssofd'uno m-or do" 4 20 doosd 1 is

Le unc conortsseursemn nmregiquen dnlogqoqidlv o esos programmes albrspru miiodntur u volies
ausiun asservisom entrelac d o rueen eles

Le punied comnvortissure analoiu -uis riquo Letru aun muliploxeut r apable d'acquui 5000

-ocin dn sysurt6s doisoudlionoeri6tt des capturseffots) prtaesatrsions, e cotaies).made u

Cometet dlnterbloi asurle t ~rois fonctions esa

f atiu gimnlratinme do prora epto ~~aea apormnto n t td~sd

- osurvetllane dor lessai

- lo diaoguertavec l'o~ratur'et dnlosiu qchnge a~lvec 10s uptrensosporme.u
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5.3.1.1. G&n~ration de Rrograxinn

ProgrOrMn mi.coO.oej

Voieurs introdvtes entios a aeu

pan calciAt, -.. __ -

par iat Con clt

dotendion tir

Le calculateur posasde en m6rnoa'e la valeur des tensions programmres, pour toutes lea voies,
A chaque palier. Toutes les 50 millisecondes il. effectue une interpolation at met I jour les
valeurs envoy~es sur les voies par 1,5 convortisseurs num6riques analogiques.

La capacite ivi6molre pen-met la g6n6ration de plusieurs cycles dent la duree pout atteindre
30 minutes avoc une trentaine de voies d'asservissement.

5.3.1.2. Surveillance de Ilessai

A chaque palier do charge (at plusiours fois par paliers lora de configurations stabilis6ea)k
le calculateur corrmande une acquisition de tous lea capteura at offectue une comparaison avec
lea valours th6oriques qju'il a en mimoire (Les capteura at lour chalne de mesure sont ind6-
pendants de Ilasservissement).

Effort inkc c*Iat

F

-2 tfodt ??IiontlQJ#FAI

tforl ~ l~ 8"qo(d S

2 ~Q



10-10

Pour chaque voie dewx sejils, constants au coors du cycle, Si 5- % de Iteffort maxi) et

S2 C.. 10 % de l'effort maxi)sont entr~s en m6moire.

- Si IMesure - effort th~oriquel < Si le fonctionnement est d6cisr6 correct.

- Si Si ", Imesure - effort th6oriquel < S2 le caiculateur 6dite un message sur Ilimprimante.

- Si IMesure - effort th~oriquel> S2 le calcolateur d6clenche la s6qoence de s~curit6 qoi
comprend:

*la coupure do la puissance hydraulique
l e retour A zero des tensions programmes
lai sortie sos l'imprimante du type de d6faut, do nom~ro do cycle, de l'instant, do nom6ro
de la voie en d6faot at de la valeor de toutes los mesoros A Ilinstant do d6faot.

5.3. 1.3. Diaogq2_evec11226rateur

Le dialogue se fait ossentiellement par la t 6 l6type qui informe llop6rstoor sor le d~rouiement
de I'eissai (num6ro de cycle, cadence de fonctionnement, mesures effecto6es 00 d6fauts consta-
t~s) at fournit au calcolateur lea donn6es n6cessaires loss dtun d~marrage.

5.14. Les s6curit6s

Si la s6curit6 apport~e par la surveillance par calculateur do Xe bonne application des efforts

est psimordisle elie Weost copendant pas is soulo 3 6tre utilis6e.

Au niveso de is voic dlassorvissemont on mesore le courant de commando de is servo-valve et on le
compare a on seuil, r~giablo pour chaqoe voio.

Ccci permet de so pr6munir contre on d6part do la voie en boucle ooverte du, par example, a one
rupture do la ligne do mosore do captour d'assorvissoment.

Des s~curit6s 6lectriques limitent 1,, d6placement do la tigo des v6rins cc qui permot de d6celes
6ventoellement on affaiblissoment do id structura.

Des s6corit6s m6caniques limitont do mani~re absoluc 1e d6placement do is tige des v~rins ao cas
oý1 aucune des autres s6corit6s no fonctionnorait.

Suo4 toutos lar. lignos dloffort qui comportont des c~bles on utiliso des limiteurs d'effosts 61cc-
trerpcaniques qui d6cienchent la s6quenco 0 a6curit6 en cas do d6passoment do Ileffort maximum
d'environ 10 %.

S.S. Avantages do cotto installation

Cetto installatior conque on 1972, diff6rait radicalement do cellos utilis6es Jusqu'aloss so
CEAT par ls pr6scnce d'on alni-ordinateur. Colui-ci pormot on particulior d'effectoor plusieors,
typos do cycles diff6ronts avoc on enchainemont quelconque, d'offcctuer des cycles tras longs salus
difficult6 et d'augaentor is vitosso d'opplication des charges.

Ii Perrot surtout d'assosor one surveillance efficaco de's moyons de chargemont en intosroapant
lessai d~s qo'on d6faut eat constatfi.

6. DER0ULEMENT DE WESSAI

L'essai do fatigue a d6buOt Xe los Join 1974 ot s'est termin6 le 24 M~ai 1978. Au coors do ces qoatre
anndes 8200 hoores d'ossai ont 6t6 effectu6es qui ont pernnia do simuler 20 000 heores de vol,

6.1. Misc au point do l'instaliation

La also so point a ponsis do reproduiro en divers endroits do ia structure des niveaux 00 ,zontsain-
tos vibsatoires tras proches do cowx qui avaient 6t6 mesur6s lors des essais en vol.

Ceci a Wt obtenu en faisant varier l'ampiitudc et Xe d6phasago des excitations vibsatoiros au
niveao de is t~te rotor. line repr~sontation corracto a SO6 obtenuce" a, :ilibant one excitation
verticale et one excitation horizontale d6phas6es do 1400.

6.2. DWinition des cycles

4 cycles do vol qui comprennent chacon 30 configurations et 4 types dlattersissages ont 6t6
d6finia par l'A~rospatiale. Los cycles do vol diff6rent entre owx par le sons dos viragos ou dos
d6rapages et par 1e centrage. Los attorrissages sont soit doss, soit souples, avoc on centrage
avant ou arri~ro (planche 5).

Chaque cycle de vol repr~sente 1/4 d'heure do vol. Los diff6rents cycles de voi sont effectu6s en
poorcentage egal, on atterrissage suit on vol do mmem centrago et on atterrissage .05 qoatre cst
dos.
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6.3. D6roulernent de l'essai de fatigue

On peut distinguer deux phases au coups de cet essai de fatigue.

6.3.1. Premi~re tranche

Au cours de la premi~re partie de ltessai, et pendant une dur~e de 2500 heures, les charges
appliqu6es ont 6t6 6gales aux charges rencontr6es en vol et les configurations de vol stabi-
lis6 ont 6t6 repr~sent6es de fagon A prendre en compta correctement 1 'influence des vibra-

* I tions.
6.3.2. iDeuxikma tranche

La premi~re tranche d'essai ayant 6t6 jug~e tR~s repr6sentative par, rapport a des dommages
survenus sup dos appareils en service, il a 6t6 d6cid6 de ne pas acc6l~rer l'essai par
augmentation des charges mais uniquement par suppression des configurations stabilis6as
le niveau des excitations vibratoires a 6t6 augment6 de faqon a r.ýespecter la concordance
des endoismagements statiques et dynamiquas dans le temps.

La suppression des configurations stcbilis~es a entraln6 une acc6l6ration de l'essai dansun
rapport 3, 15.

A partir de 13910 haures de vol simul6es et jusqu'a 20 000 heures les efforts appliques ont
6t6 augment~is pour repr~senter une masse de 1800 )kg au lieu de 1550 pr~c6dersnent.

6.4. Bilan des atterrissages

L'enseritle de cat essai a reconstitufi 20 000 heures de vol pendant lesquellas 68000 atterris-
sages ont 6t6 r6alis6s, 8500 atterrissages introduisant sur le point de fixation central de
l'atterrisseur arriare des charges sup6ricures aux charges possiblas. En affet, lorsque la
charge centrale de la traverse arri~re atteint 2700 daN cette traverse prend une flache telle
qu'elle vient en but~e au niveau de son passage A travers las deux poutras lat6rales de la
barque, d~chargeant ainsi le point central. Cette flexibilit6 de la traverse arriare n16tait
pas repr~sent~a en essai.

!B I LAN DSE"LEESASA-1

1PI- SE MAiSS (k) ACCCURA7iON IIEURES DEVOL, ATTLRISSAOES
WOW'CA iECokj1jU6ES -iCAIIisU ;

26o 1560 j, 3.063 11i1m 40iia4

Figure 7

7. ENDOMNNAGEMENlTS

La carte des andomriagemants est reprdsentfie figure 8. Las endommagements apparus an cours
d'assai sont classes en daux typas principaux.

A Las endossiagements pouvant avoir une incidence sur le bon comportemant an vol de la structure
at aur sa r6sistance

B Las endoismagaments minaurs, qualifi~s ainsi car uls Wont pans d'incidance izsportante cur la
r6sistance de la structure.
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*1CDENTS 00§ A UN D9FX0J 6C CONCEPTION 0U S$AM6I AO
/ET POUVANTAPPARAITRE EN ExeLOITATION/,

*INCID(ENTS)RENCONTRE$ EN'ESSAI ET POUVAN'PPMAITRE EN EXCPLOITýrIO

A NCIDE~NTS CONSTATES EN EXPLOITATION T7PRODUITS EN ESSAI

Figure 8

A Endommagements pouvailt avoir une incidence Sur le bon comportement en vol do la structure et

Sur sa resistance.

Trois cat6gories dlendoarnagements sont consid6r,6es.

Al Les endotvsagements d6ja rencontr~s en exploitation et reproduits en essai.

A2 Les cndomrnagements apparus en exploitation apr~s la fin de l'essail

A3 Les endommagements susceptibles dtapparaltre sup la flotte des Gazelles.

Al - ndommagementsd6jA rencontr~s en exploitation et reproduits en essal (voir 5igure 9).

1 -Les silentblocs des vis de fixation do la bolte de transmission principale. Ce sont des

616ments amortisseurs de vibrations qul se d~gradent progressivement en conservant rnalgr6

tout lours caracteristiques rn6caniques. En exploitation ces absorbeurs de vibrations sont

soumis a une proo~dure de remplacement suivant 6tat.

Nj)<

''REPOQUIS.EWS AI M.1

SILENTSLOCS. 9~fO

AXES DE CA04AQ LIAISON CENTRALE CIE UOT31 ,fIlSSEUR aRf
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En essai lea endommagements sont apparus sensiblement au m~me nombre d'heures de fonctionne-
sent :700 A 1000 heures en essai pour 400 a 700 heures (7cas) en vol. On a pu conserver ces
silentblocs bien au-dela de l'aspect demandant la mise au rebut sans qu'il y ait de r~percus-
sion sensible du comportement dynamique de l'ensemble de la structure.

2 -Axes de manilles des V6s do BTP.

Les axes ont 6t gripp6s au mame nombre d'heures qu'en exploitation =600 heures. La possibi-
lit6 de grippaga ayant 6t6 wrise en 6vidence et confirm~e une surveillance a 6t6 raise an place
pour ce point particulier.

3 -Axes du cardan de liaison de la turbine et de la bolte de transmission principale.

Ces axes ont montr,6 des traces de cisaillament a des tamps 6galement proches de la r6alit6.
Dana l'essai ces axes endommag~s nWont pas 6t6 remplac6s pour connaltre le dagr6 de r6sistance
apr~s enciorsagement. On n'a jamais atteint la rupture.

En exploitation ces axes ont 6t6 l'objet d'une modification qui a permsi de supprimer l'endom-
sagesant.

4 -Reprise centrale de ]a traverse arri~re d'atterrisseur. La 'zellule es'qay~e a sontrf6 comma sur
las appareils an exploitation une zone frawile dana la partie centrala du cadre reprenant lea
efforts verticau-x introduits pour l'atterriaseur. Un ranforcesent mis en place Sur lea
appareils en exploitation a 6t6 *test6 sur !a cellule en essai. on a pu r6aliser avec ce ren-
forcement 28400 atterrissages dont 3550 a un niveau sup~rieur au maxi possible sans endoranaga-
sent.

5 -Dana la structure de la veine du fenestroii, sous lea pieds du tripode, den criques sent appa-
rues a 14000 heuras de vol simul6. C'est le saul point cA l'endommsagement nWest pas apparu
a un nombre d'heures de vol correspondanf a la r~alit6, l'absence de l'environnement dynamique
du rotor arri~re en 6tant la cause la plus probable. Sur las appareils en exploitation, nsa
modification a 6t6 appliqu6e pour renforcer cette zone fragile. Cependant, l'endommagement
constat6 en essai n'a pins 6volu6 de fagon catastrophique entre 1400 at 2000 heuras de vol
simul6es. Cette constatation sontre l'aspect fail safe de cette partie de la structure.

A2 -Endoimmagements d6couverts en esasi at constat6s plus tard en exploitation. (year figure 10).

U NCDETSDECOL1VT 'EN~ESSIE~OSA
, " S TARD2N.EXP LOITATION'

00 0

Figure 10

1 Cloison arriare du reservoir de carburant. Plusioura criquas ont W decouvertas apr08
7135 heures de vol simul6as. Leur d6veloppement sans renforcemant ni arrist de criquas a 6tfi
pratiquament nul. Cat endommagiment eat Hi6 au chargement 6lev6 introduit par la fixation de
l'attarrisseur arri~rae sur la cloison.

Un cab an exploitation a k6 Atect6 apr~s 2000 heures do vol.
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2 -Fixations SuP6ricures des montants de verri~re sur la cloison arri~re de la cabine.

Des criques sur les pieds de ces fixations se sont produites en essai a 600 et 4266 heures de
vol 6quivalentes. Elles montrent que la verri~re participe A la reprise du moment de flexion
qui est th6oriquement repris int6gralement par les poutres de barque. Volontairement auculA
renforcement n'a 6t6 appliqu6 jusqu'A la r6alisation des 20000 heures.

Pour les appareils en exploitations une solution de r~paration est appliqu~e d~s la constata-
tion de l'endommagement.

3 -Sur la cloison arri~re de la cabine au niveau des fixations des pieds du V6 avant de la Bolte

de Transmission principale les nmontants de la cloison sont criqu6s a 12685 et 19310 heures de
vol 6quivalentes. 11 n'y a pas eu de r6paration en essai et les criques d6co-uvertes ne se sont

pas d6veloppis

Un cas dlendossnagement similaire a 6t constat6 sur un appareil apras 1423 heures de vol. Urne

reparation a 6t appliqu~e qui pourra 6tre reconduite le cas 6ch6ant sur d'autres appareils.

A3 -Endomimagements jamais observ6s en exploitation mais susceptibles d'atro d~tect6s ult6rieure-
ment (voir figure 11).

lwelDE'N'TS RE-w ONTE E-ASii

Figure 1

Los incidents les plus probables sonat:

1 - Encastrement du cadre inclin6 de la verriare sur Id~ barque de l'appareil. Une crique a k
constat6e en essai a 6965 heures. Elle n'a pa5 eu d'i~volution Jusqu'A la fin do l'essai.

2 - Liaison entre la cloison arri~ro do la cabine et la barq~ue de l'appareil.

Cette zone est tr~s charg~e et Ul semble que la crique constat~e en esase se d6veloppe en

mame temps dans le gousset renfort et le revktement de la barque.

Sur le c~t6 droit un debut de crique a Sti& d6ceI6 a 1600 h.

Sur le c~t6 gauche, la crique a 6t6 d~cel~e A 5593 h.

I?44
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on a laiss6 les criques se d4velopper jusqu'A la rupture de chaque gousset. La vitesse la pluG
rapide de propagation 6tait de 2 mmn pour 100 heures. La p~riodicit6 des contr~les est suffisa-
ment serr~e pour que l'endommagement soit d~cel6 avant qu'i3. soit trop important. Le nouveau
gousset qui a 6t6 plac6 sur le c~t6 droit a subi iS000heures de vol sans 6tre endommag6.

3 - Liaison du revgtement de la barque au cadre sous le si~ge pilote c~t6s droit et gauche.

Dans cette zone le rev~tement a 6t6 cloqu6 puis s'est criqu6 en d~pliage. Les criques ne se

sont plus d6velopp6es apr~s avoir atteint le renfort de structure pr6vu a l'origine.

4 - Corni~re de liaison du couloir des commandes de vol avec le plancher cabine.

Plusieurs criques se sont d~velopp~es A partir de 1900 heures. Aucun arr~t de crique ni ron-
forcemont n'a 6t6 appliqu6 jusqu'A la fin de l'essai.

5 - Montant du cadre arri~re de la cabine, sur le c~t6 droit, au niveau de la jonction avec la
barque.

Une corni~re de ce montant slest criqu6e au niveau d'un rivet a 9300 heures. L'endommagement
paraissant inqui6tant, un 6quipement extensom6trique a 6t6 mis en place sur la nouvelle
corni~re mais los contraintes rnesur6es W'ont pins fait d6celer un chargement' anormalement
6lev6. La nouvelle corni~re n'ayant pas 63t6 endommag~e en 11000 heures do vol l'ondommagement
a 6t consid~r6 comae un cas dlespace et la frdquence de contr~le de cette zone ost rest6e
Ia m~me que celle do lVensemble structure.

B -Enaornmagements mineurs

Ces endommagements ont un caractare al6atoire comparable a la dispersion do qualit6 dons une fabri-
cation. Ils ne sont pas consid6r6s repr~sentatifs de l~neml de la flotte des Gazelles.

Les origines de ces endommagements sont multiples

a) Hauvaise d6coupe d'un contour cr~ant une concentration do contrainte dans une zone charg6e mod6-
r~ment.

b) Arrat insuffisament d6gressif d'un raidisseur sur une Sme relativement souple.

c) Misc en contrainte provoqu~e par 1e serrage do deux 616ments rigides dont los faces d'appui ne
sont pans parfaitement planes.

Tous cos endommageinents sont apparus rolativement rapidement aucours do l'essai (moins de 7000
heures) et no so sent pa& d6velopp~s par la suite, los concentrations do contraintes ayant dis-
pare.

Aucuno action particuliare n'a 6t6 entreprise pour surveiller ces points, los visites p6riodiques
do la structure 6tant jug6es suffisantos. Par contro, une action de sensibilisation sur ces inci-
dents au nivcau do la conception (dessin) et do Ia fabrication pout perinottre do r~duire de tols
d~fauts sup los 6tudes et r~alisations nouvelles.

A cc jour aucun de ces incidents mineurs n'a 6t6 enregistr6 sur toute la flotte des Gazelles.

CONCLUSIONI

L'essai dlendurance a montr6 uno bonne tonue g~n~rale do la structure de la Gazelle lDrsqu'elle est
sournise aux charges do vol et dlatterrissage d6finies par 1e spectre ALAT, spectre qui couvre l'ensemble
des utilisations civilos et militaires a l'exception du travail a l'61ingue. La souplesso et la pr~cision
des moyens dlessais ontpormis d'obtenir des conditions tras proches do la r6alit6.

L'ossai a reproduit los incidents d6jA rencontr~s en exploitation, il a fait apparaltre d'autres endom-
magemonts,susceptiblos d'Btre rencontr~s ult6rieurement en service. Trois cas d'incidonts sur appareils
rencontr~s pr~cddemment en essai ont Wt enregistrds.

Las informations fournies dans l'essai ont aid4 a la prise do d~cision sup los r~parations a apphiquer
et a la d~finition des p6riodicit~s des contr~les.

Aucun des endonznagements mis en 6vidence n'a pr6sent6 un aspect catastrophique.

II apparalt quo, du fait des possibilitds offortes par los moyens mis en oeuvre, ce type dlessp.i est
parfaitement adopt6 pour los apparoils do petit et do inoyen tonnage, et apporte une grande quantit6
d'informations exploitables directement pour los apparoils.
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VUE D'ENSEMBLE DE L'INSTAI.LATION PLANCHE 1

DETAIL DE LA FIXATION DE LA CELLULE

FAUX PAT ROTOR I
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DETAIL DE LA SUSPENSION DE LA STRUCTURE PLANCHE 3
SUR LE BATI

"VERS 'XCITATION VIBRATOIPE

PLANCHE 4
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SPECTRE DE VOL

CYCLE rV h A

confi guration hiante 'emps Variante t s f~aricinte temps. ariante tern s

1 Stationnaire HES 30 30 30 30
2 Mont~e ý W maxi \k~rticaie 10 obllqje 10 Verticole 10 obtique 10

3 Vol arrl dre Yi maxl 20 20 20 20

4 D~part vol ayant/Voioirrire 10 10 10 10

5 VI transi tion 30 30 30 30lb rage6Vi transition (159) 7 7 7 71
7 180 Km/h 95 95 95 95

8 virage 6 1800Arh( 1.759) 7 7 7

9 235 Km/ 110ll 110 1 10 1 10

0 &irapagea 235Kmvh(.hO) b drol te 9 6igouche 9 6 droi to 9 a guuch e 9
11 Virage 6 235KnhVh 159) 7 7 7 7

2 X~7 Km/h 100 100 10 0 100

13 Virogeh247Knmh 01,5g) 7 7 7 7

14 06rapaged2/,7Kiw1 UJS! 5 !rol to 9 agaucho 9 a droite 9 a gauche 9

5 NE 55 55 55 55

16 Virago a 247kM^ (l175J 7 7 7
17 0eropige 247 Km/h IJ 51 ~gahe 9 a droite 9 6 gauch 9 4drole 9
18 235Kmr/h 11 0 110 1Q1 1 10

9 Vioge 623SKryvb (2g) 7 7 7 7

c(orxage 6 235 Km/h(.l10) ' gauchA 9 adralto 9 agaucho 9 6 drolto 9

21 180 Km/h 90 90 90 90

2 Arop 6 180OKwh 12g) 7 7 7 7

Z3 Waoge 180 Km/h I JI 101 ot "e 9 6 droite 9 6gaudhe 9 6 dfpi te 9

4Vi transition 30 30 30 3 0

S Vrage 6 Vltrar'sitiorll,ý 7 7 7 7

6 Approche 3 0 30 30 30

27 Arrit devirage stotlinnair rol &ote 7 a gawlro 7 6 droite 7 agauche 7
8 Vol lat6ral 5droite 30 g9cwh e 3 0 - drolte 30 6 gauche 3 0

30Sto'rionnalre DES 30 30 30 30

PLANCHE 5
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ENDOZ*MAGEM'ENT A!

SILENT BLOC BE VE DE BT?

REPRISE CENTRALE DE LA

P" TRAVERSE ARRIERE D'ATTERRISSEUR

- ENDOMMAGEMENT Al
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VEINE FEflESTRONI '

ENDOMMAGEME1NT A!

CLOISON ARRIERE CABINE

INCIDENT A2
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FIXATION SUPERIEURE DES MONTANTS DE VERRIERE

INCIDENT A 2

LIAISON ENTRE !A CLOISON ARRIERE

DE LA CABINE ET LA BARQUE

INCIDENT A 3

REPARATION ...
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ENCASTREMENIT DU CADR~E I.NCLIN~E

DE~ 'JRRIERE

INICIDENT A 3

LIAISON ENTRE LL RLVETEVINT

DE BARQUE ET LA POUTEE SOUS

SIECE PILOTL
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SUMMARY

Helicopter gearboxes have benefited from improved materials and from new design concepts. However, in
the design arena, exhaustive testing to verify that we achieve reliability, maintainability, and safety
objectives remains the key to a successful product. Overstress testing and the methods used to design
the gearboxes to meet these overstress test requirements are the key issues. A gearbox designed for
mission reliability will most likely have an uracceptably high risk of not passing an accelerated test.
This paper discusses the types of tests Siko.,ky uses to qualify new gearboxes to provide reliability
in the field. It also discusses the test approaches taken and the differences in acceptance criteria
used by the varlous certifying agencies, the ramifications of overstress testing, and the reliability
assessment used in the design of a modern helicopter gearbox.

INTRODUCTION

Each of the various certifying agencies for helicopters has its own unique test requirements and test
criteria for helicopter transmission qualificatiori. In the process of developing a helicopter trans-
mission system, the manufacturer must incorporate these requisite test elements into his own overall
test plan to satisfy both in-house and certifying agency needs. The ability to interpret the results
of a variety of tests and to substantiate the safety and cost attributes of the transmission system
becomes a difficult but essential task. These test requirements range in load severity from normal
operating conditions to 140 overload. In many instances, the criteria for passing the qualification
test is not clearly defined for such items as bearing spalls, gear scoring, scuffing, iear, fretting,
and other transmission associated phenomena which are largely a matter of degree. No standardized
acceptance or rejection criteria exists for these conditions in current specifications. Yet, one must
pass the test successfully to get opproval from the responsible approvin& agency to permit sale of the
product. Without standardized acceptance or rejection criteria for these degraded conditions, the risk
is imposed on the monvfacturer that test results will be arbitrarily f.viluated late in the test pro-
gram. This risk is unnecessary because tht mechanics of overstresp lesting are und,,rstood as they
relate to pos,.'test gearbox condition.

Almost all qualification testing can be classified as accelerated testing because either loads exceed-
ing those experienced in service, or a spectrum of loads favoring nigh flight load conditions, are im-
posed during the test program. Accelerated testing at loads aboie those experienced in service offers
a quick method for uncovering and resolving potential transmission failure modes early in a program.
However, certain characteristics associated with accelerated tcsting muLL be understood in order to
take full advantage of this test tecbpiqua. Loads above de,.ga levels often create stresses that are
not linear with load. Incteased deflections from thes, .,verloads create load-shifts that generally
accelerate stresses on critical gear and bearing conta.ct surf,,ces. We can relate the effects of the
overload to normal operatung conditions once we understand tue mechanism of failure associated with
these overload conditions.

Consideration must also be gives to the relationship betweei design, safety, and operational reli-
ability requirements and the probability requirements associated with passing an overlodd test. Once
these unique characteristics are fully appreciated and undersood, overbtress testing can be used as a
highly useful tool for transmission system development. By c;,csidering the requirement to pass the
qualification test as pav of the design criteria, the probubility of passing this test can be in-
creased to acceptable riok levels. This increase in reliability can often be achieved with minor
weight penalties. For example, on the Sikorsky S-76 Helicopter gearbox, we added only 8 pounds out of
639 pounds to achieve a 95% probability of passing the 140% Britich (CAA) qualification test, whereas
the probability of passing the test prior to the addition of 8 pounds was 75%.

____________________________________________________
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QUALIFICATION TESTING

The type of qualification testing required for a helicopter transmission depends upon which agency has
cognizance over the certification for flight; and the manufacturer's concerns for safety, cost of opera-
tion, and cost of production.
The U. S. Army, U. S. Navy, FAA, CAA, and the helicopter industry all have different test requirements
ranging from extreme overstress conditions to testing that only accelerates the mission spectrum slight-
ly. Tiedown testing, illustrated in Figure 1, which is required for substantiation by the U. S. Army
and the FAA, is the test that imposes the least severity on the transmission system. This is because
the engines powering the tiedown helicopter are the engines used on the flight aircraft and they are
not capable of generating more than their maximum output power. Since gears and shafts for the trans-
mission system are designed for unlimited life at these conditions, this test is not a severe environ-
ment for them. However, the prorated bearing load in the FAA tiedown test is higher than the prorated
load for the mission spectrum shown in Figure 2, resulting in a bearing life reduction factor greater
than three for the Sikorsky S-76 Helicopter shown in Figure 3. Consequently, we must consider the
effect of the test life reduction factor during the design phase to preclude premature bearing failure.

Figure 1. BLACK HAWK Tiedown Test
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Figure 2. Horsepower Histogram Figure 3. SpiritTH
for the S-76 Helicopter

Figure 2 also shows that the CAA test requirement is 140% of input power for 10 million cycles. This
test specifies the highest load conditions required by the various certifying agencies and is conducted
for a total time equivalent to 10 million cycles on the slowest operating component. The CH-53E Super-
Stallion Helicopter transmission was substantiated for Navy requirements set forth in Specification
AS-3694, which calls for 120% of maximum input power for 15 hours of a 150 hour qualification test.
Figure 4 shows the C][-53E test requirements versuL mission requirements. Figure 5 shows the severe
200-hour overstress test conducted on the Army BLACK HAWK transmission system
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The CA, U.S. Army and U.S. Navy tests are all conducted in transmission regenerative or power-
absorption test stands, which have the capability of applying the correct power-torque-speed rela-
tionships to duplicate and accelerate actual aircraft operating conditions. A typical transmission
regenerative test stand is shown in Figure 6.

Figure 6. C11-53 Regenerative Transmission Test Stand

Sikorsky performs two basic types of tests to qualify helicopter gearboxes for production: bench tests
and integrated sýstems tests. These are illustrated in Figure 7. Bench tests include component fa-
tigue tests, no-load lubrication tests to confirm lubrication through full pitch and roll axes excur-
sions, gear pattern development tests, overstress tests, and qualification tests. Systems tests in-
clude aircraft tiedown tests and flight tests. Systems tests monitor the performance of the trans-
mission system as it interacts with the other aircraft systems. The most important aspect of the
tiedown test is that it minimizes the risks associated with preproduction flight tests. Continued
follow-up and evaluation of gea.bux service history completes the feedback loop that relates design,
test, and field performance.

QUALIFICATION REQUIREMSNTS

Completion of a qualification test without apparent difficulty does not in itself qualify a gearbox.
Careful disassembly, visual, dimensional, and non-destructive inspections (NDI) must also demonstrate
successtul results. A critical review then compares the results of the test and the inspections with
the test criteria and with the loads the gearbox will experience in service.

Any severe degradation in gearbox condition is reason to withhold qualific.tion, for example, a fatigue
crack, heavy fretting of fatigue loaded components, or major wear of component mating surfaces. The
intent of these inspections is to determine any non-detectable modes of failure that were generated
during the tests. Cracked gear shafts, cracked teeth, or worn bearing rolling element retainers
(cages) are examples of non-detectable failure modes. The criteria for bearing acceptance at the
completion of testing depends upon the certifying agency. The U. S. Navy wiUl not consider any gearbox
qualified that spalls a bearng during the qualification test. Such a disqualifying spalled bearing
is shown in Figure 8.
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The CAA, however, does not consider a spalled bearing as cause for rejection. This philosophy is based

on the understanding that the condition of the bearing is monitored by cblip detectors and does not
represent a threat to flight safety. The same reasoning can be applied to the pitting and scoring of
gear teeth, and if these conditions occur during qualification testing, the implication of unaccept-
ably low durability in service must be evaluated. The test prorate power versus operational prorate
power, maximum power compared with gearbox rated power, gearbox test temperature, lubricant used, and
time between ýverhaul (TBO), are dominant considerations used to evaluate service durability. Table I
illustrates some of the qualification test acceptance factors used by the various certifying agencies.
The question marks indicate those conditions that may or may not be acceptable depending upon their re-
lative severity at the end of the test.

Table 1. Qualification Test Acceptance Factors

QUAL TEST ACCEPTANCE FACTORS

SPALLED SCORED BROKEN FRETTING FRACTURES
BEARING GEAR TEETH GEAR TEETH BETWEEN SURFACES

LIGHT HEAVY

FAA 7 ? NO YES NO NO

CAA* YES YES NO YES YES NO

U.S. NAVY NO NO NO YES NO NO

U.S. AR•Y NO ? NO YES NO NO

? ? NO YES NO NO

*NOTE: CAA test is essentially a gear fatigue test and other para-
meters are of secondary importance.

GEARBOX STRUCTURAL INTEGRITY

Helicopters built by Sikorsky have compiled an impressive record with kegard to the lack of major pro-
blems associdted with their transmission systems. Figure 9 shows the increase in mean time between
removals (CITBR) for main gearboxes from a helicopter where the gearbox malfunction caused damage to
the aircraft.
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Improvements in analytical design methods, use of improved materials, application of advanced testtechniques, and expanded field service follow-up contribute to the increase in this gearbox MTBR.

Gearbox structural reliability expected in service can be estimated with a high degree of confidence
because the fatigue properties of primary gearbox components are understood. For example, if the
component or system successfully completes its test at a stress level 40% above the normal usage level,
a reliability associated with three standard deviations has been demonstrated for this one sample,
This can be shown as follows:

Test Load Level = 11
Usage Level I - 3P

where 3 represents the number of standard deviations from the 3ample mean associated with an acceptable
survival probability and v is the statistical coefficient of variation. This coafficient for aircraft
steel components is usually between 9 and 10%. Substituting a value of 9,5% in the above equation
gives

Test Load Level 1 1.40
Usage Level - 1 3---73.0)=.

Thus, if we successfully conduct a test at 1.40 times the maximum expected service load, we demonstrate
a structural'reliability representative of three standard deviations. However, passing a highly accel-
erated test should not be construed as a demonstration of suitable long term wear out characteristics.
We can only demonstrate this characteristic after a fleet of aircraft operate in the field for several
thousand hours under mission conditions. A single accelerated test in a transmission test stand proves
the structural integrity of the gearbox from the standpoint of flight safety but is not conclusive
enough from a long term reliability standpoint. There are several reasons for this. First, the sample
size is too small for the test components to be truly representative of future production quantities.
Second, the extreme acceleration factors make it difficult to extrapolate data from the limited number
of test hours to estbhlish time dependent or wear associated failure modes. And third, the environment
in a tcst stand does not duplicate the aircraft environment in all respects. This is especially true
for vibrations indaced into the gearboxes from the aircraft rotor head, ground-air-ground cycles, hot
oil effects, and creep of castings.

An analytical method for estimating reliability is the distribution - interference technique. If the
strength distribution of a component is known, or assumed, and the loads are expressed by a distri-
bution which can be adequately described by a mean value and a standard deviation, the probability of
passing a given test, or the reliability of a design with respect to a given usage spectrum can be
determined using probabilistic analysis. Figure 10 shows the distributions of stress and strength for
a typical component. It can be seen from Figure 10 that the probability of failure increasea in over-
stress testing unless the strength of the component is correspondingly increased.

By subtracting the stress distribution from the strength distribution according to probabilistic
theory, a taird distribution results which represents the component or system structural margin. This
is illustrated in Figure 11. The area under this distribution from zero to infinity represents the
probability of passing a given test or the probability of surviving the given usage spectrum.
Sikorsky's approach is to have a 95% probability of passing such tests.

j...••am':•• ••• ••r 'b•l•• 'I 1•• •
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ACCELERATED TESTING

Accelerated testing at loads greater than those experienced in normal flight has long been used in the
aerospace industry during aircraft development programs. The major advantage of accelerated testing isthe reduced cost associated with the reduced test time required to substantiate the component being
tested. At loads high enough to produce fractures, ac olerated testing exposes the gearbox modes of
failure and enables us to implement required corrective actions. This technique allows us to remove
the weak links from the system and helps develop a higher-strength assembly iut a relatively short
period of time. Shafts and gears in a helicopter gearb"x are classical examples of parts subjected to
bending fatigue. Accelerated testing also substantiates these critical components for their classical
fatigue modes of failure.

We use accelerated testing a& a basic tool to gain confidence in a new helicopter transmission designduring its early development stages. If the results of overstress and endurance testing are to be
fully appreciated, it is necessary that quality controls make certain that production flight hardware
is equal in quality and strength to the items tested. Consequently, any change in manufacturer or
manufacturing processes during production that involves previously qualified parts requires requalifi-
cation of the parts invelved.

Accelerated tests can be run at a single high load level, or to a spectrum of loads that exceeds the
normal usage spectrum. The relative severity of the test spectrum can be determined by reditcing the
spectrum to its prorated value. This prorate is a single value that is derived on the basis of equiv-
alent life. Tne spectrum prorate can be calculated by:

1

PR a [ qi (ni/nia

i

where P. is the ith load, qi is the percent usage at this load level, n. is the rpm, a is the
slope ot the S-N curve, and n is a reference speed. 1

We find the prorated load for bearings by assuming that all loads are damaging to some degree. Gears
and shafts, however, depend upon the specific endurance limit load of the component since loads below
this value are assumed to be non-damaging. The load acceleration factor can be estimated by

Load Acceleration = Test Prorate
Mission Prorate

Another factor considered in component design and in the preparation of a fatigue test spectrum is thefluctuation of loads, or stresses, between the peak value and the minimus value that occur during the
course of a flight. These stress cycles often occur at very low frequencies (as tow as one cycle per
flight) and are superimposed on the high frequency cycles. We conaonly refer to these as GAG (ground-
air-ground) cycles.

All parts of an aircraft that are repeatedly stressed and unstressed are subjected to GAG cycles, and
must be analyzed accordingly. This is an important consideration in overall component reliability andone that was sometimes neglected in the past. For example, aircraft used in the logging business expe-
rience torque variations of plus or minus 40% in 5 minutes, occurring 12 times an hour, and low cycle
fatigue is critical.

SPECIAL CONSIDERATIONS FOR ACCELERATED TESTING
Gear performanck is affected by accelerated testing in more subtle ways than by their exposure to an
increase in stress. High power transmission spur gears, for example, have the drive side tooth pno-
file modified from a pure involute form to account for tooth deflections, and to provide smooth trans-ition of load as the teeth enter mesh and leave mesh. This profile modification reduces tooth accel-
erations to a minimum, resLiting in lower dynamic loads, lower stresses, and reduced vibration and
noise. Since tooth profile relief is exact only for one load, overstress testing of these teeth will

Ma -- -
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reintroduce discontinuities in the load Larve and result in increased stress, vibration, and noise.

Spur gears are sometimes ground with helix correction across the face of the tooth to allow for rela-
tive deflections between mating gears at the design load. This helix correction, like profile modifi-
cation, is based on the design power and assures that Load will be uniformly distributed across the
face. Operation at loads in excess of the design loads can result in a maldistribution of load across
the tooth face. Straight spur gears are very sensitive to end loading, and overstressing can lead to
scoring, wear, and even tooth breakage. This situation is even more damaging on high contact ratio
designs, which because of their inherent weaker individual tooth form, are more sensitive to over-
stressing than standard contact ratio gears.

Sikorsky uses experimental stress techniques as an integral part of the design/test philosophy to
support our gearbox design effort. .Figure 12 shows a section of a large high power spur gear with
strain gages mounted on the tooth back-up rim. This test helped determine the distribution of the
non-uniform load across the face width ot the gear teeth, and helped provide the requisite lead cor-
rection to balance the load distribution.

SSTRAIN GAGES

NON.UNIFORM STRESS EVEN STRESS
DISTRIBUTION DISTRIBUTION

AFTER
BEFORE CORRECTION

TEST

Figure 12. Experimental Stress Techniques Support Design

Spiral bevel gears are also sensitive to running for extended periods of time at loads in excess of
design loads. Excessive tooth deflection and shaft misalignment caused by the higher loads drastically
alter the tooth contact patterns of spiral bevel gears. Experience shows that most spiral bevel gear
tooth failures can be traced to poor full-load contact patterns.

The British CAA recognizes the fact that overstress testing shifts gear patterns and allows the pro-
spe.tive qualifier to increase the profile modifications or lead corrections of the gear teeth to the
point where the stress distribution is proportioned to the load distribution. This is an overstress
test that qualifies the compouent for fatigue in normal operation. It does not predict the structural
integrity of the part for momentary overloads. The British also permit other gearbox modifications to
be used during overstress testing. such as the use or heavy weight oil, reinforcement of critical hous-
ing areas to reduce deflections and gear profile or helix modification. All of these reduce the
non-linearity of stress with load to a more linear situation.

Another consequence of accelerated testing is the possibility of fretting between bolted connections on
dynamic components. Figure 13, (Reference 1) shows how a stress/slip condition in 3 bolted connection
can lay within various regions of operation depending on the vibratory stress and the relative motion
between the parts. Ir region I, no failures occur. In region II, the surfaces of the bolted parts
will be crazed with millions of microscopic cracks that will not propagate in service. Most of the
bolted connections used in helicopter transmirsions probably fall into these two regions. In region
III, one of the microscopic cracks will evenkually propagate to failure. It can be seen from this
figure how a significant increbse in 'oad can shift the operating point from region II to region III of
the curve by inducing higher stresses and by increasing relative motion.

Antifriction bearings are used on all shafts of the typical helicopter gearbox. Bearings are one of
the few trausmission components which are designed for a finite or piedicted life. Design LIe is
based on -he industry accepted Lundberg-Palmgren theory for ball and roller bearings, which considers
the Hlertz.an stresses at the rolling contacts and relates the magnitude and distribution of the
stresses tc a calculated life. In recent years, life adjustment factors have been used to account for
improvements in bearing materials, elastohydrodynamxc (PIC) lubrication, and the effect of misalignment
or deflection.

S•,.•-,,•.*-,.•--, .•,,•.• ... . - i.. TTL-- 7-•!=-------- -_--,--• •'•••,:- •.•:- =,. . .
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Figure 13. Stress versus Slip Fretting Curve

Figure 14 illustrates the life reduction factors that result from accelerated testing of a typical
helicopter roller bearing considering the effects of load, misalignment, and lubrication film thick-
ness. Examination of Figure 14 shows that load is the predominant influence on bearing life during
accelerated testing. However, all factors contribute to bearing failures during overstress tests.

NAVY - -- CAA _LUBRICATION FILM
4.8-

LIFE .6 4 4 MISALIGNMENT
REDUCTIONFACTOR .4.- -33

.2-

1.0 1.4 2.0 3.0 4.0 5.0

MAXIMUM TEST LOAD FACTOR

Figure 14. Bearing Life Reduction due to Accelerated Testing

With high test load factors, the reduction in life of a roller bearing due to edge loading at the
roller end becomes significant and eventually exceeds the life reduction factor due to load. Design-
ing the roller crown for the accelerated test conditions is not practical because the reliability
of the bearing under normal conditions would be reduced. Another factor we must consider with accel-
erated testing is secondary damage caused by bearing creep that is defined as rotation of the bearing
inner race with respect to the shaft. This damage is usually in the form of shaft wear or failure of
retention devices. Designing for no bearing creep at accelerated test conditions would certainly
result in a weight penalty.

Sikorsky designs for no creep at maximum continuous power using a combination of the two-ring press fit
equation and an experimentally derived factor applied to the tV.%-ring equation. Figure 15 shows the
generalized relationship among power, assembly fit, and creep. No creep takes place below 100% power;
creep is possible between 100% and 125% power, depending on the actual part dimensional tolerances; and
creep probably takes place above 125% power. Less than 2% of aircraft mission time is spent above the
possible creep level while 45% of the qualification test time is conducted above the possible creep
level.
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The reliability of a gearbox is directly related to the reliability of its gears and bearings. There-
fore, accelerated testing will clearly influence the probability of passing a gearbox development test.

Figure 16 illustrates the dramatic effects of acceleration factor on the relative reliability of gears

and bearings. Figure 17 compares the probability of successfully passing an overstress test with the

probability associated with test times nt mission powers. When a gearbox is designed for a mission
spectrum and is subsequently subjected to an overstress test, a substantial risk of not passing the

test exists.
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Regardless of all the ramifications of overstress testing, it still is the one most useful tool in
transmission system development testing. It now remains to communicate to the procuring activities
the aforementioned considerations and to evaluate test results accordingly. The Sikorsky S-76 gearbox
achieved a 95% confidence level for passing the CAA 140% overstress test without a tooth fracture by
adding only 8 pounds out of the total gearbox weight of 639 pounds. This small additional weight
substantially reduced the gear tooth stresses during normal operation and added to the reliability of
the gearbox.

For new designs, the test spectrums (whether overstress or at design level) must be considered a design
condition and their effects on cost and weight must also be evaluated. The minimum acceptable pro-
bability of passing the overstress test must be determined, and this probability must then influence
design.

CONCLUSIONS

1. Overstress testing is a highly useful tool in the development stages of a new helicopter trans-
mission. Advantages are:

Determines potential failure modes
Substantiates fatigue strength
Provides confidence in the design
Accelerates redesign to eliminate "weak links" in the system

2. Tests at highly accelerated loads produce non-linear increases in stress, and action must be taken
to counteract the effects of increased deflection.

In gears:

Misalignm~nts cause pattern shifts that concentrate gear tooth loads.
Tooth profile modifications are correct for one load condition. Higher loado create tip
interference that leads to scoring and tooth breakage.
Lead modifications used to correct tooth misalignments are made for one load level. End
loading results in concentrated stresses and leads to tooth fracture.

In bearings:

Load is the predominant influence on bearing life during accelerated testing.
Roller crowns may not be sufficient to prevent roller end loading at overload con-
ditions.
Accelerated load causes race "creep" on shafts when test loads are higher than the creep
threshold
EID films are reduced by overloads

3. The transmission designer must consider the overstress test spectrun as a design condition for
must-p'ss tests.

4. The total stress versus torque versus rpm attributes of each element of the gearbox over the
planned torque testing levels must be quantified and accounted for prior to the conduct of any
overstress test.

5. Clear definitions of acceptance criteria must be negotiated with the certifying agency when accel-
erated testing is nsed as a qualification test.

6. The helicopter industry and the certifying agencies need to establish a helicupter gearbox test
specification that includes standardized acceptance test criteria.

Refevence (1) Nishioka, K, etal. "Fundamental Investigations of Fretting Fatigue", Bulletin of Japanese
Society for Hechanical Engineers (JSNE). Part I, Vol II, No 45, 1968, pp437-445.
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FATIGUE TESTING OF HELICOPTER GEARBOXES
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The fatigue testing of helicopter gearboxes as practised in U.K. at
Westland Helicopters working to British Ministry of Defence regulations is
time consuming and expensive. The testing covers not only the gears but
the casings and shafts and othor parts of the gearboxes. Testing with the
required factors for fatigue scatter and extrapolation leads to difficulties
with the tooth meshing and premature tooth surface damage requiring modified
tooth profiles and high pressure lubricants. The principle test method has
been on 'back to back' rigs but for the future open loop testing is planned
to give greater flexibility and versatility. A comparison of service exper-
ience with test experience is oZ some value in assessing the merit of the
test factors.

1. INTRODUCTION

The Transmission represents a very significant part of the cost and time of development of a helic-
opter. In the transmission the main rotor gearbox in particular is the key to a successful transmission
development programme. It is often, and particularly for a new tooth gorm, a high risk programs since it
is often difficult within the constraints of the casing to zmke changes should the strength be shown by
test to be inadequate. It is thus most important that the testing is carried out early in the aircraft
programe and that the method of test, the design of the test rig and the factors used are chosen in such
a way that the service fatigue life is adequately and safely proven.

This paper is a review of the fatigue testing philosophy and test methods used by Westland Helicopters
working to the requirements mostly of the Military Authorities as defined by MOD publioations. Assessment
for Civil Authorities has, at least in recent years, been based on a military certification programme, so
only a brief reference in made to this. Since the experience of the past few years has been mostly of the
Lynx gearboxes, these naturally form the main part of this paper, however valuable experience is galled
from older aircraft and it is instructive to compare service experience on these with the test experience
carried out at an earlier stage in our understanding of gearboxes.

In addition to fatigue testing, with which this paper is concerned, there is a whole field of work in
assessing ana substantiating a useful life of the gearbox from a purely functioning point of view. This
is briefl- 'touched on in this paper.

2. FATIGUE TESTING PHILOSOPHY

In the context of this paper, by testing philosophy is meant what parts of the gearbox are tested for
strength, why are they tested, what are the testing loads to be applied, what is done if the gearbox is
not strong enough, what is done in the event of a change of design or supplier.

The life objectives in current helicopters require fatigue lives of at least 7,000 hours. At first
sight one thinks of testing gearboxes as testing to see how strong the gear train is, how strong the teeth
are, at what loads will they fafll off and what happens if they do. However, there. is much more to a gear-
box than the gear teeth and particularly for long life gearboxes it is important to consider the total
structure to make sure it hes been adequately tested, since the various parts of the box are significantly
affected by different loading systems in the aircraft. The principal elements of the main rotor gearbox
of the Lynx are shown in F.gs. 1 and 2. This version shown is what is known as the 3 pinion gearbox where
the loading from the two engine inputs is shared amongst three pinions in order to improve the load capab-
ility of the box. Looking at this gear layout one can see the principal elements of the loading system.

1. The main load path gear train (Fig. 1).
2. The hubs to which the gearwheels are attached (Figs. 2 & 4).
3. The accessory gears driving oi! pumps, generators, hydraulic pumps, etc. (Fig. 1).
4. Miscellaneous assemblies such as freewheels (Fig. 1).
S. Casings (Fig. 2).

It is useful to look at each of these areas separately.

Main Load Path Gear Teeth

The loading on the gear teeth is clearly one of an oscillatory load from zero to the driving force
once per revolution of the pinion or wheel. The ucaal way of representing this loading on a test is to
apply torque to the gearbox in some way ard to rutate this gearbox at its normal running speed until each
tooth is subjected to a minimum of 5 x 106 cycles. Because of the widely varying conditions of flight it
is usually required to apply a programmed torquve'cle system to allow for the short bursts of power at
the top engine ratings, to cover the engine out cases (where the helicopter is powered by more than one
engine) and to include the transient droop cases of low speed and high torque during engine failure, and
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finally the autorotation case when the loading path inside the box ian be significantly different. Fig. 3
shows the loading system of the Lynx production 3' pinion gearbox in main drive and autorotation. It can
be seen from this that the lift is taken in quite a different nutt and it is important to consider features
like this and to test accordingly.

Gear Wheel Hubs

The hubs to which the gear wheels are attached, for example the hub on the Lynx gearbox holding the
main conforinal ring gear (Fig. 4), are loaded in quite a different way from the gear teeth. The gear teeth
have a load zeru to maximum once per revolution, whereas the hub has an output torque which is proportional
to the power demands and an input which is cyclic on the gear teeth but with a load diffused over a wider
area. It is also subject in the case of the output shaft, to rotor moments and lifts. It is necessary to
consider the hub with respect not only to the cy.,lic nature of the tooth loading but to the full power lift
and moment spectrum which one applies to a roto*- system.

Accessory Gears

Some accessory gears become important parts in that gear failure can lead to say hydraulic pump loss,
and so must be considered in the substantiation of the gearbox.

M1isceilaneous Assemblies

Some components are not tested adequately in the normal gearbox running test. For instance, in the
case of the Lynx gearbox (Fig. 1) the load is shared between the three pinions by making use of the torsion-
ally flexible input shafts known as quills. These quills are subjected to high torsional strains but not
significantly high cyclic torque. They are therefore sensitive to the ground to air cyclic loading and
need to be treated separately. Freewheel assemblies in the main load path form complicated mechanical
assemblies which are subject to bendiig due to misalignment and are occasionally the source of fatigue
failures on test.

Casings

The casing of a gearbox, particularly a main rotor gearbox, usually forms part of the structure of the
aircraft, carrying the main rotor moment, lift and torque into the airframe. To reduce weight it is
commonly manufactured as a lightweight complex casting, often magnesium, and is difficult to analyse theo-
retically although finito element analyses are nowadays of considerable assistance. It is important there-
fore to consider the strength testing, both static and fatigue, of the casings of the gearboxes. It is in
any case a requirement of the British MOD publications to subject Class 1 castings to static tests, although
fatigue testing is not a specified test for castings but is implied under a general requirement for Class
1 components.

Re-substantiation

It is sometimes necessary,having comp.Leted the total substantiation of the goa~oox, to require sub-
stantiation of materials from a new source. It may be that the gears are made from a different material
or are obtained from a different supplier. In this event, the current practice is te re-substantiate
those gears which are renewed which, in the case of the main load path gears, means testing once again up
to four sets of gears, and in the case of castings, to test more castings. it can •.hus be seen that a
decision to resource materials for whatever reason, while perhaps not being a great risk, is expensive ard
time consurming and careful consideration has to be given to the need;

3. T26? FACTORS

Before describing the method of fatigue testing the various components of the gearboxes It is necessar
to consider the factors which have to be arplied under U.K. regulations.

For Military applications factors are defined in the Ministry of Defence document AvP 970. However,
these have now been superseded and the practice has been to work to a Westland internal document which has
been agreed with the appropriate military technical authorities at RAE Farnboreugh. For Civil applications
the required factors are defined in British Civil Air Regulations. Since the basic requirement of BCAR
is similar to the WHL rules, the IM document with its more detailed. statement is used.

Main Gear Train

Looking first at the main geai' train, the factors are:-

a) Scatter factor 1.4 for I specimen
1.3 for 4 specimens

b) Flight variability factor 1.0 for main gearbox
1.2 for tail gearboxes

o) .Extrapolation factor 1.2 from 106 cycles
1.1 f-om 5 x 106 cycles

At first sight the advantage of testing 4 specimens rather than 1 seems fairly modest, nevertheless
a certain amount of prudence usually demands that four specimens are tested. Taking an average extrap-
elation factir, bearing in mind that a programmed load test is usually cairried out and the total test time
has to be a reolistic one, the overall factor, for the purposes of this paper, 12 around 1.5. 74is nas an
important bearing oai the test as the gears and lubricant are not designed for such hig& lada. For trans-
ient cases, such as the engine failure case, when the ýorque may increase by 2.4 for several secouds, iý

R
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becomes more practical to apply a life factor for scatter rather than a load factor. There is of course
no need to apply an extrapolation factor and the test ib conducted at the predicted in flight torque with
a life factor of around 6. Similar reasoning can be applied to other high torque low occurrence conditions
such as the 5 minute rating in order to reduce the factor on load. A typical design and test spectrum for
the rotor gearbox might therefore be as follows:- (Ibis relates to a typical twin engined helicopter).

2000

Test Spectrum

. Twin Single
Engine I Engine

'Red Line'

STwin Engine

Silght SEctrtu

Flight SpectruD! % Tim (cumulative, i.e. powers i y) 100% Twin Engine
1% Single Engine

TESP CYCLES 5 x 10 cycles

DESIGN A!1D TEST SPECTRUM

The test spectrum is broken down on test into 20 p.rogramries. A•lthough the relationship between test
powers and flight powers is not immediabely obvious it can be seen that the factor on the 'Red Line' power
(maximum continuous power) is just over 1.5 (2000A300).

To date it has not beea the practice at Westland to apply rotor moments to the main rotor goarbox in
the gear test. Although service experience has not revealed any def.iciencies as a result of this policy,
it is likoly that suture tests will have unfactored moments, as well as lift, applied.

Hubs

The factors for hubs are the same as other components in the rotor system. For l specimens they are:-

Titanium 1.7 scatter factor
1.1 extrapolation factor from 5 x 106 cycles

Stsel 1.7 scatter factor

Casings

Casings, which are usually .astings, are generally designed so that high frequenc loads are non-
damaging. The casing te,' is, in the main therefore, a teat under manoeuvring loads, which generally
represent a small number f cycles. The factors are therefore applied to the life and are, for one
specimen, 6. In sdditic , it is a requirement under AvP 970 rules to apply a casting factor of 1.3 to the
proof and ultimate loads .or a s~atic test, Although the casing is designed such that vibrating loads are
nor damaging, it may hayden that some of the ancillary loads can be damaging. In the case of the Lynx for
insLance, the main rotor servoc which are subjected to rotor frequency loads, are attached directly to the
casing (Fig. 5), and it has been necessary to assess tho fatigue life of these attachments. The factor in
this case is 2.0 plus some extrapolation factor.

4. METHOD (F IRSTING

aiin Load Path Gears

The major part of fatigue life assessment if gearboxes is oentred on the, testing of a complete gearbox
rotating wider factored torques.

The practice at Westland has bee-. up to now to build special purpose rigs for each gearbox. They have
all been of the same L.ic principle of a conventional closed mochanical loop. This is shown for the Lynx
main rotor gearbo., in schematic foru in Fig. 6, and a photograph of the rig for the uprated 3 pinion gear-
box in Fig. 7. It consists in essence o& a rig in which the output shaft is connected to the input shuft



12-4

by a train of gears. A torque is then locked into this mechanical circuit after the rig has been brought
up to speed and the rig rotated at normal aircraft speeds. Torque can be varied during running by rotating
the outer ring of an epicyclic box in the circuit thereby increasing or reducing the torque. Torque is
measured by means of strain gauge torquemeters which are capable of measuring not only the steady torque
but also the vibratory torque in the rig. Vibratory torque is difficult to reduce to zero and an average
level during normal running is 10%. Lift is applied to the output shaft by a hydraulic Jack operating
through a thrust bearing. Although the original rig was designed to apply a moment, this was subsequently
not used. Instrumentation is a continuous measurement of oil temperatures and pressures, and visual monit-
oring of torque, although a trace record of torque is made periodically. The rig is run under continuous
visual control. This method of testing is quite conventional and it, is not intended to describe the rig
in any more detail.

The major problem in the testing as carried out at Westlaad is that of testing with the high factors.
The first effect of this is that the meshing of gears,in particular spiral bevels, changes considerably
when the factored load is applied as compared with unfactored torque. This means tv.t not only is the load
on the tooth factored but the bending moment on the tooth is generally increased by a substantial amount
leading to stresses at the likely point of failure in the roo' of the tooth which are excessively high.
The procedure adopted to overcome this is based on the assumption that if the meshing pattern is thn same
then the stress distribution throughout the gears is tho same, and all parts of the gear tooth will be
equally affected. Fig. 8a shows a reproduction of a meshing pattern for a spiral bevel gear under 100%
torque. The next figure shows the same tooth under torque factored by 1.5 which is a typical fatigue
factor. Corrections are first attempted, in the case of spiral bevels, by altering the relative position
of pinion and gear. If, as in Fig. 8c, this is still not completely effective then the gears may have to
be regrolind to a modified profile. The last diagram in Fig. 8 shows the final corrected mesh and profile
with a meshing pattern similar to that coveloped for the satisfactory running of the production box. The
test is then conducted on this set of gears whose profile has been modified from the production standard
and whose meshing position is different but whose meshing pattern as seen on the teeth is the same. One
essential feature of this is that the meshing pattern becomes the standard which has to be met throughout
production build, as it is this pattern which has the defined fatigue life. The conaormal gears as used
on the Lynx cannot be re-meshed by re-positioning and any changes have to be made by reg.,inding. This is
a tedious and tine consuming business but nevertheless is the only solution and has been carried out on a
number of occasions.

Having achieved the desired meshing standard there still remains the problem of carrying out the tests
with those higher loads. Scuffing and plucking of the teeth are much more likely and this may lead to
premature failure. Thp usual option open is to improve 1.ho lubrication by either increasing the flow or
the cooling or by using the most suitable lubricant available even though this ray not be the oil used on
the aircraft. This usually means using an EP oil such as OEP 220 or OEP 215. Having re-meshed the gears,
reground then and used the best available lubricant, it is still necessary to conduct the tests in such a
way that the gears stand a good chance of surviving without snrface damge or with damage that can be
contained or rectified. Experience h¢a shown that mtnnng the test to a programmed load of ascending and
deascend4ng powers (which is fundamentally to minimize the unknowns of cumulative damage) with around 30
rins. at maximm powers is more likely, to lead to a successful outcome.

When conducting the test a judgement has to be made as to how often the box is looked at during the
test. Magnetic plugs, temperature, vibration are all checked or measured during the test and give some
guide as to what damage may be happening. There is a strong temptation to carry on with the test if all
appears to be going well. However, experience has introduced some caution into the judgement and in a
100 hour test the gears are inspected perhaps four times. Inspection would consist of removing, the gear-
box from the rig, removing as little of the covers as poriAble and visually inspecting the geari. If no
damage has occurred, then the cove-, is replaced and the gearbox put back on the rig. At the same time the
bearings which are also a source of trouble at the high faotors are looked at in. any suspect areas and
some re-working of these may be necessary. If working of the gears is necessary then further dismantling
has to be done. All of this procedure takes a surprisingly long time and the average time for carrying
out a nominal 120 hour fatigue test (Nhich is the time for a Lynx main gearbox) is, with normal rig and
test gearbox serviceability and availability, 5 to 6 months. It can be seen therefore that the total
programme on four successful boxes can take 18 months to 2 years. Clearly the opporttunity to assess
strength of modifications or alternative materials is strictly limited.

Tail and Intermediate Gearboxes

The transmission to the tail rotor is commonly through an inaermediate box along the tailboom and into
a right angled gearbox driving the tail rotor. Wastland e-Perience in the gearboxes has been entirely on
spiral bevel gears. They are tested in a conventional back to back rig as an assembly either using a sec-
ond pair of aircraft boxes driven backwards to close the loop or using a specially designed gearbox for the
purpose. Torque is wound into the system by rotation of the ring gear of an epicyclic and is measured by
means of strain gauges with a rotary transformer coupling which has proved to be highly accuratA but whose
reliability has been a problem. Slip ring assemblies have been used but these have required a fair degree
of maintenance. Instrumentation on tne rig is fairly basic, oil temperature and some bearing temperatures
if a spicific problem arises. Torsional oscillations in these rigs have not been a problem and are gener-
ally less than 5%. Tail Rotor Thrust is applied but no tail rotor moment. A picture of the Lynx tail
transmission rig is shown in Fig. 9.

There have been some failures of intermediate gearboxes on test and they were solved by careful choice
of meshing standards which were rigorously controlled in production build acceptance tests, and by a web
thickness increase. A more difficult problem for the tail transmission is derivation of an accurate
spectrum of loading. Until realistic spectra from service experience in real conditions are obtained, the
loading has to be derived from measurements made on development aircraft during high powered 3evel flight
and high torque manoeuvres. The factors around 1.8 (arrived at in a similar manner to the main gearbox)j are applied except that a flight variability factor of 1.2 is included.
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This high loading for sustained periods of running again leads to surface damage, premature bearing
wear and high temperatures. The temperatures are controlled by choosing the optimum quantity of oil in the
box and by external air cooling which has always proved adequate. Bearing wear and gear surface damage is
controlled,as far as one is able, by choice of tho best lubricant and by operating a cpectrum of loading
to avoid continuous running at the full torque, but the damage caused is a considerable delaying factor in
the programme.

Hubs

The hubs have a dual finction of supporting the main gear train to transmit the torque to the rotor
and also to carry the rotor lift and moments into the airframe. The testing methods cover both of these
load systems. The connection to the main gear train is tested adequately in the rotating gear test. The
rotor moment conditions require a separate test and this is done by building a separate test rig in which
the rotating moments are applied either by rotating the components with a steady load as was done for the
Scout, or by phased dynamic loads on a stationary component for the Sea King and Lynx. The addition of
lift and torque results in another substantial rig.

Castings

A diagram of the Lynx casting, including the servo Jack attachments is shown in Fig. 5, and a photo-
graph of the test on the Lynx main gearbox casting is shown on Fig. 11. As can be seen it results in a
fairly complex arrangement of loads and reactions. The test requirements for a class 1 complex casting
under MOD regulations is to test one casting statically and according to the WHL document, a number of
castings in a fatigue test, the number of castings being related to the factor for the test. It is common
to test four castings. The specimen consists primarily of a casting or assembly of castings (there ar,
five castings in the Lynx main gearbox assembly) into which are assembled gears, bearings, etc., accumul-
ated from other tests, sufficient to carry the torque. The loading system fox both the static and fatigue
tests is similar. In the case of the Lynx this consists of applying simulated engine torques and reactions
to the input assembly and reacting the torque at the main rotor hub and tail rotor torque Interfaces. Lift
and pitch and roll moments are applied through hydraulic JPcks to the gearbox hub and hence into the
casting.

The dynamic loads from the aircraft hydraulic actuators, which are bolted to the castLing, are applied,
',ut as a separate test. The casting is assembled to a structure representing the aircraft structure in
order to get the right stiffness at the attachmenr points. For static tests the loads are simply increased
in a suitable sequence for two or three different loading cases. The fatigue case is one representing
manoeuvre cases since except in the case of the hydraulic actuators, the rotor frequency loads are usually
Judged to be non damaging. A life factor is preferred to a load factor for the fatigue case and the test
for a 7000 hours life lasts for around 200,000 cycles.

A typical test of a main rotor gearbox casing for the Lynx is as follows:-

ENGINE TAIL MAIN ROTOR
LIFT PITCH MOMENT ROLL LOAD TORQUE TORQUE TORQUE

LEVEL 1 0 0 0 0 0 0

LEVEL 2 +27,000 -200,000 -143,000 18,000 4,000 300,000
LEVEL 3 411,000 + 57,000 + 57,000 13,000 h,000 200,000
LEVEL 4 -1,000 0 0 13,000 4,o00 200,000
LEVEL 5 0 0 0 0 0 0

This cycle to be repeated 210,000 times.

Autorotation case is not necessary in the fatigue test as the number of cycles is small.

The test on the servo Jack attachments is done as a separate test.

As an aid to the understanding of the stress distribution in the casting stress measurements using
brittle lacquer or photoelastio coatings are made.

Four specimens are tested in fatigue and one of these is tested in the static case. Testing of the
tail transmission gearbox castii.gs is not usuplly done since the regulations permit clearance by calculation
in the case of faitJ.y simple castixgs or castings whose construction or design is similar to previous exp-
erience.

Miscellaneous Gearbox Parts

Sometimes a careful analysis of the total internal loading system in a gearbox shows that some comp-
onents are not adequately covered by the rotatinig back to back type terts. As already mentioned a typical
example of this is the quill shaft in the Lyn= three pinion gearbox, Ylere the load is distributed evenly
between the three pinions by means of flexible quills as shown In Fig. 1. These, by their nature, are
highly stressed parts with stresses proportional to power demands anc which are not of a cyclic nature.
It is therefore necessary to conduct a separate test on these parts 5o apply a spectrum of loading repres-
enting the power demands in the aircraft. Components such as these are tested either in standard fatigue
test machines or in special purpose rigs.
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5. CRITERION CF GEAR FAILURE

It is quite likely that fatigue testing at high factored powers will lead to surface breakdown. This
in turn can lead to a fatigue crack which may cause a substantial loss of metal and substantial secondary
damage. The usual criterion of failure adopted by Westland is whether the gear train will continue to
carry the full load without the risk of substantial secondary damage such as could be caused by large
pieces of tooth breaking off and causing a failure of the load p.th. With this as the criterion it is
considered legitimate to repair any surface damage such as plucking or scuffing by stoning the gears and
continuing the test since it can be considered that this surface damage is caused largely by lubricant
failures at the higher than normal bearing pressures and will not occur during normal service experience.
Fig. 10 shows t5pes of gear tooth damage which occur and a tooth subsequently stoned. A tooth which is
classified as a failure is also shown.

6. ALTERNATIVE TEST METHODS

Since fatigue testing of gears is expensive, and in the case of re-sourcing of gears can be an inhiib-
iting factor, attempts have been made to find alternative, cheaper ways of proving the strongth of gears.
The most attractive possibility is to test the gear wheel in a standard testing machine loaded with a piece
of metal simulating a pinion, which has the obvious advantages of simplicity and a large number of possible
specimens from one wheel. One feels this ought to have some value, particularly in the case of comparative
tests of gear material but so far it has not found acceptance. A more sophisticated method was tried for
the Lynx gearbox partly as an attempt to overcome some of the bearing wear and tooth wear problems of the
full speed rig but also as a possible cheaper alternative method of testing. A diagram of this rig is
shown in Fig. 12. It consists in principle of testing a single input only of the twin gearbox and driving
the output into a standard aircraft box but using the twin inputs thus halving the loads on this slave
gearbox. This has some advantage in the late stages of a development programme when suitable boxes are
more readily available. To reduce wear this particular test was conducted at a speed 1/6 of the normal
running speed of the box. A fatigue test was conducted satisfactorily on this single input with no wear
problems or rig breakdowns but it is difficult to establish credibility for a system of testing which is
different from the aircraft conditions. A similar fate, but in the design stage, befell another attempt
to oscillate the gears over at least one tooth of the slowest gear in a quasi static test and using the
casting rig, which would have resulted in considerable rig and test cost savings. It seems that the
traditional conservatism of the mechanical engineer, born out of hard experience, mans that such simplified
teats, while perhaps adding to knowledge of SN curves for gear materials, would never contribute directly
to -the basic substantiation of a gear train.

7. FUTURE TESTING

The experience at Westland has largely been on back to back or closed loop type testing. This method,
while giving some saving in power, does result in a number of constraints on the test rig design.

Firstly, the rig has to be designed specifically for each gearbox type. At the end of the fatigue
and development programme the rig becomes of no value to any future project although sometimes some rigs
are retained for production clearance purposes. Secondly, the design is inflexible so that any changes in
aircraft configuration is extremely difficult to accommodatd since the angle and positions of the slave
gearboxes need to be fixed. This means that the rig de•ign cannot proceed untoil the aircraft layout is
frozen. Thirdly, the rig is a very complex mechanicad system and is often mort complicated than the gear-
box that is being developed and fatigue tested. This leads to a low reliability •nd slow test rate.

In order to overcome thetc constraints, Westland are building, under MOD contract, a rig on the open
loop principle, wlich while being designed for a specific project, is also capable of being used for a
wide range of other gearboxos. Although this paper is not the place to describe the rig in great detail
it is worth discussing the main features.

A photograph of a model of the rig is shown in Fig. 13. The basic principle is that three rafts with
electric motors of 2600 KW each represent an engine. These drive into the test gearbox and the power
is reacted by standard water dynamomaters at the main and tail rotor. The power units together with their
reduction and speed increasing boxes are on rafts which can be moved about the test cell to accommodate
different aircraft desige configurations or to test different parts of the transmission. All the comp-
onents chosen, the motors, gearboxes, dynamometers, torque measurements, servo control, programming are
standard conr.,roial items and it is hoped by this means to have a rig which is much more reliable than
has been the previous experience and also one which can be readily adapted for other projects when its
primary task has been completed.

The rig of course uses a lot of power. It in fact represents about 60% of the total fantory Luqlya
and the effect of this is that the rig can only run under high power at r-ight. This in turn has lead to
the concept of running the rig entirely automatically with a system of safety devices and supervisory
instrumentation. The ca"abiltty of the water dynamometer system to very rapidly reduce power as distinct
from the wound-in torque system, adds confidenue to the eapability of safe running. Considerable thought
has been given to re-circulating the energy by hydraulic or electric syut= or to using the waste ,eat,
but the intermittent usage characteristics of development testing and, over a year, the relatibely 2mnUl
number (2 hours of running, means that any such system is unlikely to prove economic. It is hoped to rum
the rig in 1981.

8. SERVICE EXPERIEN(•E

The testing requirements and factors for gearboxes, as for most components, are arrived at by taking
account of a knowledge of scatter of strength, Goodman diagrams, Miner's rule, S-N curves and engineering
judgement based on experience gained in service. It is usoeful to review the experience gained un Westlaid
gears and coW.p-e it with test experience.

_0 1-i ii1& 1 - Q T 1:11
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Table I shows the in-service experience on three military helicopters. It is necessary to make one
or two comments on this table before attempting to draw any conclusions. It is of course a simplified
version of the overall picture. In the case of the Scout, a modified main gear was tested to an additional
factor of 1.1 and has been introduced with no service failures but with so far limited experience so that
the old gear is of more interest from a statistical point of view. The Scout work was done some years ago
when knowledge of the behaviour of gearboxes and helicopters was less well known. The factor used was what
is now regarded as a 6 low one of 1.1 and the test was a simple one of testing for the 1 hour power rating
times 1.1 for 5 x 10 cycles. No attempt was made to programme the loads and no loads were applied to
represent any higher engine ratings.

The hell-opter is single engined so there is no question of transients due to engine gillure. Sub-
sequent service experience revealed a tendency to overtorque up to 15% beyond the 5 minute rating. No
other service failures have been found in any gears in any of these helicopters on military service.

Clearly the factor of 1.1 is no longer acceptable, at least for main gears, although the Scout exper-
iei7 ýe compares not unreasonably with modern understanding of strengths. Whether the resultant factor of
1.( now applied is the right one in difficult to judge from the limited experience but it is certainly a
substantial margin s'.er 1.1. It is interesting to note that in the Scout main gearbox the broken tooth
generally remained in the bottom of the gearbox. It is perhaps useful to continue the test of all gearboxes
until failure to establish the mode of failure and its likely outcome as an aid to arriving at a safe life.
Unfortunately the cost and time of testing and potential rig damage tend to inhibit this practice from
being followed.

The situation on the tail transmission is somewhat different. No failures of gear in these aircraft
has occurred with test factors varying from 1.1 to 1.8 even though life calculationu show only modest
margins over the declared life. As described earlier a more difficult problem is an accurate prediction
of the in service usage.

9. GENERAL GEARBOX DEVELOPMENT

The main objective of this paper has been to describe the methods of fatigue testing. There is
however a whole field of development of gearboxes as distinct from fatigue testing and it is worthwhile
outlining what the programme has been on the Lynx. The development of a satisfactory gearbox and extension
of the Time Between Overhauls (TBO) was carried out in 5 phases.

1. Rig Testing on the back to back fatigue rigs.
2. Rig Testing on the rotor rig.
3. Development aircraft flying, including the formal Type Test.

4. Service aircraft Intensive Flying Trials Unit (IFTU).
5. Nor2al service experience.

The only formal requirement in the development programme is the Type Test, which for a twin engined
helicopter represents 150 hot-us flying and 200 hours ground running. The total development hours are much
more than this.

The rig testing using the same rigs as for fatigue testing,was extended to over 14000 hours for general
experience and to develop and test improvements.

For tne Lynx, a Rotor Rig was constructed (Fig. 14). This is essentially an airframe bolted to the
ground and capable of accepting and driving the total transmission using aircraft engines. It is an
excellent vehicle for assessing quickly with no flight safety problems, any development in the transmission
but is limited in the amount of control power which can be used although this is of little consequence in
transmission development. Over 1600 hours were run on this rig.

Development flying covers a whole range of activities during the course of which the transmission
hours are built up. Some flying is specifically done for transmission development but this is a fairly
small proportion. The total development flying for all purposes and on all Lynx variants with a common
transmission was 6000 hours on 13 aircraft.

From this extensive develcpment flying, a suitable life of 300 hours -as allowed for the service
flying on the IFTU, during the cournie of which almost 6000 hours were floL., by 13 production aircraft of
the Army and Naval variants. The timescale of this programme is shown below on Table 2.

The result of this extensive programre is a TBO of 600 hours with a potential to rapidly increase
beyond this depending on the rate of service flying. As can be seen the total programme takes a long time
but the value of a high BO quickly, is quite an obvious advantage cn expensive transmissiun components.

20. CO•NCLUSIONS

This paper is a review of the methods of fatigue testing of gearboxes as carried out at Westland
Helicopters. It is clear that the testing has to include not only the gears but other components of the
total gearbox. The fatigue testing Is expensive and time consumi..g. It would be useful if there were
an acceptable method of testing, or at least comparative testing, of gears in a much simpler form so
that for instance material changes or small changes could be more economically assessed. The test rigs
themýelves are expensive to design and make and it is hoped that a universal rig now in manufacture,
while perhaps being initially rather more costly than a purpose built rig, will lead to considerable
savings in the future.

Gear case testing is also necessary, although it is difficult to deal adequately with in flight high

frequercy loadings if these bewcme damaging in some manoeuvres. Development of a satisfactory overhaul
life is a subject in its own right but it is clear fromn the outlines given that it occupies much time on
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rigs and aircraft. The question of factors is dealt with and it would be of considerable value if a survey
of service experience relative to test experience of helicopt3r and engine reduction gearboxeE ca i number
of aircraft were carried out. This would be of value in arriving at a safe minimum factor for gearbox
testing which should lead to safer aircraft and improve the reputation of helicopter transmissions.

I4
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Fig.3 Lift load path in Lynx 3 pinion gearbox
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Fig.4 Lynx hub and gear assembly
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PATTERN TO BE WHOLLY CONTAINED
ON TOOTH JUST EXTENDING
TO TIP OF TOOTH

......�............... ..

MESHING PATTERN AT 100% POWER

PATTERN EXTENDS OFF HEEL
AND TIP OF TOOTH

PATTERN ACHIEVED AT 150% POWER

PATTERN STILL EXTENDS 'BEYOND PATTERN BROUGHT
HEEL AND TIP OF TOOTH FORWARD TOUTS~FORWARD TO TOE

PATTERN ACHIEVED AT 150% POWER AFTER

MESHING ADJUSTMENT

PATTERN WHOLLY
CONTAINED ON TOOTH

PATTERN AT 150% POWER AFTER REGRINDING PINION

Fig.8 Meshing patterns under factored load
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Fig. 10(e) Failure

Fig. I I Lynx main gearbox casting rig
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Fig.12 Lynx slow speed gearbox rig
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Fig. I3(a) Model of open loop rig - View of rig showing motor rafts
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Fig.13(b) Model of open loop rig - View of rig showing main dynamometer in position
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Fig. 14 Rotor rig
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THE METHODOLOGY OF FATIGUE ANALYSIS AND TESTING - MAIN ROTOR

BLADES AND HUB - HUGHES YAH-64 ADVANCED ATTACK HELICOPTER
By

John M. McDermott, Manager
Structural Analysis Section

Hughes Helicopters
Centinela Avenue at Teale Street

Culver City, California 90230
U.S.A.

ABSTRACT

The paper outlines the fatigue methodology applied to the structural

analysis and testing of the Main Rotor Blade, Blade Retention System, and Main
Rotor Hub of the Hughes YAH-64 Advanced Attack Helicopter. The basic
structural concepts are described, including provision of fail-safe redundant

load paths, and damage tolerance. A description of the materials used for the

various structural elements is given, and the factors affecting their choice are

discussed. The strap retention system, which incorporates both flapping and

feathering motion, is described with emphasis on its fail-safety.

The approach to fatigue testing of the main rotor elements is described.

The rationale for testing various components in separate combinations, and

also in a full-scale hub- retention fixture, incorporating four arms with simu-

lated blade flapping and feathering motions, is discussed. Fatigue test results

are presented, including failure modes and the ability of many components with

large amounts of fatigue damage to sustain full loads. The methodology of

transforming the results of fatigue testing into working S-N curves to be used

for life verification is also outlined.

A description is given of the fatigue testing of parts with ballistic damage

and also of the crack propagation testing of parts with a fatigue crack already

developed. The analysis of failed parts to determine failure modes, origins

of crack inception and possible improvements to extend fatigue life is discussed.

A general review of the fail-safety of the design which is inherent in ful-

filling the requirements of ballistic survivability concludes the paper.

INTRODUCTION

The Hughes YAH-64 Advanced Attack Helicopter (shown in Figure 1) is currently in the final stages of

development prior to a production contract being issued at the end of 1981. The requirements call for a

highly damage-tolerant main rotor, with a high degree of survivability to battle damage. This was

achieved by design methods as outlined in this paper, and verification was achieved by the test methods

described. The rotor system on the YAH-64 is 4-bladed, fully articulated, with elastomeric lead-lag

dampers providing restraint and in-plane damping. The rotor is mounted on a static mast with a

rotating drive shaft inside. The system is similar in concept to that used on the Hughes OH-6 and 500

series helicopters, which have had a highly successful service usage.

DESCRIPTION OF MAIN ROTOR HUB

The main rotor hub general arrangement is shown in Figure 2. The hub body is made from an

aluminum forging, machined to provide four sets of arms for mounting each blade. The driving torque

for the main rotor is transmitted through the drive shaft to the splines in the drive plate and through the

attachments on the top of the hub. The hub is mounted on a static mast by means of two tapered angular

contact roller bearings, which transmit the thrust and hub moments to the helicopter. This is sh6wn in

FIgure 3.

The main elements o! each arm are:

i) The Lead-Lag Link which provides the articulation for the in-plane motion of the blade. The

lead-lag joint is made up of teflon lined bearings with a pin connecting to the strap retention

system. The attachment to each blade is shown in Figure 4.

The dampers are connected to the pitch housing at the inboard end, and the lead-lag motion

of the blade is transmitted to them through the lugs of the lead-lag link. The Hub Assembly

is approximately 2 meters in diameter (6. 50 ft).
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Figure 1. Advanced Attack Helicopter.
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Figure 2. Main rotor hub assembly.
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Figure 3. Static mast - rotor support.

SFigure 4. Main rotor blade root attachment.

ii) The Pitch Housing, which does not provide any centrigugal restraint, is free to flap and

feather about the feathering bearing. The Pitch Housing is connected to the pitch link which

controls the collective and cyclic angles of the rotor. The feathering bearing is housed on

the inboard end of the pitch housing.

ill) The Strap Retention System provides the centrifugal restraint for each blade and is shown

in Figure 5. This system, which is similar to that used on the Hughes 500 series helicopter,

consists of a pack of 22 laminates each 0. 36 MM (0. 014 inches) thick made of AM355 stain-

less steel. The strap packs are free to flap and to twist, and provide a highly damage-

tolerant retention system. Full loads can be carried with over 10 straps completely failed.

DESCRIPTION OF MAIN ROTOR BLADE

The main rotor of the YAH-64 Advanced Attack Helicopter ii 14.63 meters diameter (48 ft). The

four blades are mounted to the hub by means of the lead-lag link described above. The general arrange-

ment of the root end is as shown in Figure 6, The blade attaches to the lead-lag link lugs by means of

two pins of an expanding bushing type of design, shown in Figure 4, such that the pin expands in diameter

upon installation in order to fill the holes of the blade attachment.

The cross section of the blade is as shown in Figure 7. The blade basic section is cambered and is

of constant section throughout the span, except for the swept tip section. The materWal is rolled stainless

steel sheet of AM355 CRT reinforced by uniaxial fiberglass forming the main box~.am of the section

V..- ~ -
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which comprises 50 percent of the total chord. The trai'ing portion of the blade is made of fiberglass
and Nomex honeycomb, with a trailing edge tab of AM355 CRT stainless steel. The box beam consists of
four torsion boxes-bonded together dnd is highly redundant. The transition from this box beam to the
root end section is achieved by means o( a stack of doublers as shown in planform in Figure 6. The out-
board portion of the blade is swept back at an angle of Z0 degrees to minimize the compressibility
effects on the advancing blade. This tip section is also thinner than the basic section of the blade. The
general arrangement of the swept tip is shown in Figure 8.

REMOVABLE

LEADING EDGE
(INCONEL WITH

NICKEL PLATED• i•,,• '-....L "- .-• L/E)

TIP RETENTION

FITTINGS

S/ • TRAILING EDGE

STATIC (FIBERGLASS SKINS
DISCARGENOMEX CORE)

WICK

Figure 8. Swept-tip of blade.

DESIGN APPROACH

During the initial design of the main rotor, the approach used to establish the required fatigue
strength was the concept generally referred to as Weighted Fatigue Approach. Using this method, a load-
ing condition for each component is defined and the component is then designed to have an infinite life for
those loads. In actual fact, each component is subjected to a spectrum of loads in service, and the rela-
tionship between these load occurrences and the S-N curves determines the fatigue life of the part. During
the course of the design, it would be too cumbersome to apply this spectrum of loads to each design itera-
tion, and so instead, a particular loading condition is chosen, and a factor applied to the loads for that
condition. Generally a high speed level flight condition was taken as the basis for these loads, and a
weighting factor of 1.5 to 2. 0 was applied to the alternating fatigue load, depending on the material
involved. The parts were then sized so that the resulting stresses did not exceed the endurance limit,
with the effects of steady load and stress concentraticin factor included. By this means each part was
required to have a specified endurance limit load - that is, a load which could b- applied for an infinite
number of cycles. More recently the approach taken at Hughes Helicopters has been to define for each
part not only an endurance limit capability, but also, and in addition, a high load condition which could be
sustained continuously at the peak values on the part for one hour before a fatigue failute would be
encountered. This is referred to as the One Hour Load, and results ii a more controlled definition of the
fatigue strength than the Weighted Fatigue Load described above.

In addition to the fatioue strength, there exists the requirement for maximum stati^ strength. This is
achieved by the conventional use of Limit Loads which are the maximum loads which coald be sustained
without permanent deformation, and Ultimate Loads which are Limit Loads with a 1. 5 Safety Factor
applied. This defines the maximum static strength required from the component, A further strength
requirement is for the Ground-Air-Ground fatigue capability. Each component, in addition to the fatigue
spectrum of flight loads, is subjected to a large once per flight variation of load from the maximum posi-
tive peak to the maximum negative peak. For example, on rotor components the centrifugal force is
varied once per each flight from zero to a maximum, with an additional maximum peak load from the
worst maneuver superimposed, This is referred to as the Ground-Air-Ground Loading and is a high load/
low cycle condition imposed in addition to the low load/high cycle fatigue requirements.

A further requirement on the Advanced Attack Helicopter is the ability to sustain relatively severe
battle damage, and yet be able to fly a limited spectrum safely for a short period of time. This represents
a safe completion of mission and return to base. This requires the design to have a large amount of
residual strength subsequent to sustaining a high degree of battle damage. In some cases, the complete

4
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loss of a particular load path was assumed, and yet the component had to retain structural integrity on
a limited basis. This naturally led to a fail-safe design, with the consequence that large amounts of
fatigue damage can be tolerated before failure occurs. Some examples of this are as follows:

Fail-Safe~i-

0 The strap retention system can tolerate up to 10 of the 22 straps completely failed.

a A complete loss of any lead lag damper assembly can be tolerated without failure.

0 Any one attachment lug on the lead-lag link :an be completely failed, and the remaining

lugs will carry the loads.

* Any complete spar of the blade box beam can be completely cracked through and the loads
can be safely carried by the remainder.

* The blade trailing edge member can be completeiy faied and the chordwise bending loads
can be safely taken by the box beam.

In summary then, the design requirements led ýo a rotor syfem which was highly damage-tolerant and
fail-safe.

FATIGUE TESTING

The verification of the fatigue life of the main rotor was established by means of a series of fatigue
tests on full scale components. As is usual with helicopter components, S-N type testing was used rather
than spectrum testing. The difficulty of predicting the dynamic loads prior to flight testing makes the
use of spectrum testing inappropriate and difficult to apply. Therefore, constant amplitude testing was
used to establish an S-N curve for use in calculating the fatigue life of a part. Since full scale tests are
rather complex, only a limited number of specimens were tested, the nominal number being six to be
tested at completion, on the Advanced Attack Helicopter.

The objective of the fatigue tests was to determine for each component, or -roup of components, a
number of failure points and, where possible, run outs. A mean curve was then drawn through these test
results, and a reduced curve determined by appropriate statistical methods was derived from this. The
reduced curve is used to determine the fatigue life in conjunction with the results of ýhe flight loads survey
and thp spectrum of frequency of occurrence. Additional supplemental fatigue test data was acquired by
means of emall scale design support tests and coupon data. The ,escription of such tests is beyond the
scope of this paper and attention will be confined to the major fatigue tests conducted on full scale speci-
mens. These tests were as follows:

Main Rotor Hub

* Full Scale 4 Arm Fatigue Test

* Single Arm Fatigue Test

Main Rotor Blade

" Root End Fatigue Test

"* Intermediate Section Fatigue Test

"* Swept Tip Fatigue Test

Each of these tests will be described in some detail, concerning the techniques of testing, specimen
design, load applications and results obtained.

MAIN ROTOR HUB FATIGUE TESTS

The main rotor hub fatigue test setup is as shown in Figures 9 and 10. This consists essentially of
a complete hub assembly n'ocnted into a large fatigue test fixture. The blade loads are applied by means
of dummy blades attached to the lead-lag links, the centrifugal force being applied through straps. The
dampers are omitted from the hub assembly and in their place are a pair of actuators which apply the
damper loads. Figure 9 shows how the loads are applied to this specimen. Attention is directed to the
skewing of a rotational axis of the fixture, which induces a wobble by means of which the flapping motion
of the blades is simulated. This test consists of a combination of loads and motions representing the
loading which the main rotor hub experiences in flight. As always when a large number of components
are tested in a combination, a series of failure modes are encountered. In the test described above
failures occurred in.lead-lag lUnks, in pitch housings and in individual strap laminates. No failure of
the basic hub structure, eithur the aluminum forging or the centrifugal carry through plates has been
experienced to date. Several more specimens are scheduled to be tested, at higher load levels and at
higher flapping and coning angles.
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In addition to the testing just described, a further set up was used in which a single arm fatigue test
was conducted. This is shown in Figure 11. This was designed to obtain accelerated data on the single
arm components:

a. Strap Pack Assembly

b. Damper Assembly Attachments
SC. Pitch Housing

id. Lead-Lag Link

This test does not provide flapping motion, but instead applies the alternating loads and centrifugal
forces applied by the root end of the blade. It achieves more rapid results than the main hub set up, due
to its simplicity, and has been very important in determining failure modes of the damper components
and pitch housing. These have led to significantly better understanding of the fatigue problems associated
with these components and have resulted in several important improvemirlts. During the course of this
testing, no failures of the strap packs have been encountered. This is attributable to the fact that this
particular test does not apply motions to the strap packs other than the small amounts due to structural
deflections, and therefore does not challenge the straps in fatigue. Figure 12 shows a fatigue failure
of the pitch housing. The diagonal nature of the crack indicates a torsional mode of failure, due to pitch
link loads reaction to the torsional moments from the blade. Figure 13 shows another fatigue failure of
the pitch housing. This time the failure is more indicative of the interaction of local stresses feeding in
the damper lug loads and general bending and torsion of the major section,

MAIN ROTOR BLADE FATIGUE TESTING

There were three large scale component fatigue tests conducted on the main rotor blade, these being
respectively:

a. Main Rotor Blade Root End Fatigue Test

b. Main Rotor Blade Intermediate Section Fatigue Test

c. Main Rotor Blade Swept Tip Fatigue Test

The first of these, the blade root-end fatigue test, was conducted on a double-ended fatigue specimen as
shown In Figure 14. The test set up Is as shown in Figures 15 and 16. Basically, the double-ended
specimen is pulled at each end to simulate centrifugal force and then loaded in the center with an actuator
to produce the flapping and chordwise loads across the blade root-end. The centrifugal force loading
devices and thc chordwise centerline spring system were pneumatically operated air cell devices operating

Figure 11. One arm fatigue test.
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Figure 12. Pitch housing fatigue test.

Figure 13. Pitch housing fatigue test.
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IV/

Figure 14. Main rotor blade root end test specimen.

Ov.°

Figure 15. Main rotor blade root end fatigue test.
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Figure 16. Test setup, main rotor blade root end fatigue test.

by means of manual air regulators. Flapwise and chordwise motion actuators had linear feedback,
closed loop servo control systems that were operated by a sinuseidaL signal input froro a signal
generator. An electrical counter operated by the signal generator was used for counting load cycles.
The centrifugal force load cells and the torsion reaction links were tubular load carrying members
instrumented with axial strain gage bridges. Each of the fatigue test specimens was instrumented with
strain-gage bending bridges and calibrated by subjecting it to known moments in the axis system of the
particular blade station being calibrated. The strain-gage bendir.g bridge locations on the test speci-
mens were identical to the locations on the flight test blades so that a direct comparison of loads could
be made for the final, analysis. The output of centrifugal force load cells, torsion links, and the
specimen bending bridges were recorded by direct-writing pen recorders and visually monitored during
the test. The load distribution was similar to that measured in flight. In the testing to date, no failures
of the root-end joint have been encountered. However, several minor failures such as doubler delamina-
tion and cracking of a transition area have resulted in some design improvements. Testing is currently
being continued to establish a higher S-N curve for this romponent.

The second fatigue test consists of a specimen oimnulating the blade constant section outside the
doubler reinforcement area. This specimen is shown, in the test set up in Figure 17. This test again,
simulates the effect of centrifugal force by a straight. pull, and the chordwise and flapwise moments are
applied by means of a pair of actuators in the middle of the specimen. The two centrifugal force loading
devices (one at each end of the fixture) used a total of eight air cells (springs) which were interconnected
to one manually operated pressure regulator. The other load measuring elements were torque reaction
links with instrumented and calibrated thin wall tubular sections. The two hydraulic actuators controlled
by MTS Systems closed loop, displacement feedback, servo systems operated from a signal generator
circuit. An electric counter activated by the electrical circuit was used to record loading cycles. Each
specimen had calibrated strain gage bendi.g bridges at the specimen centerline. Crack detection wires
were placed on each specimen at appropriate critical locations. The output of the centrifugal force cells,
the torsion reaction links, and specimen bending bridges were recorded by direct-writing pen recorders.
Testing to date resulted in no failures due to basic fatigue loa;:ng and a satisfactory S-N curve was
obtained which indicated that this part has an infinite life.

The swept tip fatigue test is shown in Figure 18 and the specimen is illustrated in Figure 19. The
test specimen was a complete section of the main rotor blade swept tip, beginning at blade Station 239. 95
and extending to the blade tip (Station 287. 95). To assure valid load simulation and stress distribution,
an adjustable whiffletree system was used to distribute the load in the required proportion to both balance
weight suppoyrts and to the swept tip blade structure. The load was applied by a horizontally mounted,
closed loop electrohydraulic actuator with load feedback. An electronic oscillator was used to drive the
actuator valve sinusoidally between zero and peak tensile loads. Loads were monitored throughout the
test by load cells located at each tip weight loading bar and at the actuator. Failsafe crack detection
wire and limit switches were used for test fixture shutoff in the event of specimen failure. Initial load
conditions for each specimen were maintained until failure, or until three million cycles were achieved.
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Figure 19. Swcpt tip specimen.

If three million cycles were obtained, the test was continued with increased cyclic loads to generate valid
S-N fatigue data. Loads on subsequent specimens were based on previous specimen performance to
ascertain blade tip fatigue strength. Testing was continued after the initial failure mode was encountered
in order to ascertain crack propagation characteristics. There are several materials in this particular
component - the basic stainless steel of the blade, an Inconel outer cover, and titanium fittings. Fatigue
failures occurred in the cover and the fittings, but not in the basic blade section. S-N curves based on
the material curve shapes were obtained for thesc components.

FURTHER TESTING

In each case, the inception of a detectable fatigue crack was defined as a failure point and used as
such for the derivation of an S-N curve. However, in nearly all instances, the specimen continued to
carry load, due to the nature of the highly damage tolerant design. Therefore, in order to obtain crack
propagation data, testing was in many instances continued, with the loads set at the levels which would
be encountered in normal flight at cruise speed. In this way, valuable data was obtained as to the margin
of safety in fatigue for safe operation with a part already cracked. This is illustrated in Figure 20 on the
blade root-end where a fatigue crack in the forward portion of the blade root-end was monitored through
the application of many cycles. The blade leading edge has since been modified to improve this area.

Also, during the fatigue testing of tne main rotor hub there were instances of lug failures in the lead-
lag links. However, due to the fail-safe design of this component, the loads could still be carried through
the joint and testing was continued. The results obtained indicate the high success of the fail-safe design.
A further examp-e of the fail-safe damage tolerant design was the fatigue testing of a ballistically damaged
blade section. This is shown in Figure 21 which shows a blade which had been fired upon by a high-
explosive round. As can be seen, a large amount of damage has been sustained, but the remaining
section --arried fatigue loads equal to 5 hours of flying, This fatigue test is shown in Figure 22 where
the specimen is subjected to centrifugal loading with the bending moments superimposed. No discernible
crack growth was observed for approximately 22, 000 cycles which is equivalent to over 1 hour of flight,
and .rack growth was small up to 25, 000 cycles. In the end, the equivalent of over 5 hours of flight
(approximately 90, 000 cycles) was applied, at which point the test was discontinued. However, even
then, the specimen continued to carry the full application of load (Reference 1).

Mention was made in the early part of this paper of the strap retention system of the rotor. During
the testing of the main rotor hub assembly, several laminate failures occurred in the strap packs. In
order to obtain accelerated results, a subsidiary fatigue test was devised as shown in Figures 23 and 24.
This test applies centrifugal load and chordwise bending and then superimposes the motion of the straps
due to flapping and feathering. Testing was conducted at severa', combinations uf loads and motions, and
information was obtained regarding initial laminate failures. Subsequently, the testing continued in
order to obtain data on the rate of propagation of laminate failures and the residual strength of the str, I
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Figure 20. Root end fatigue test specimen failure.

Figure 21. Exit damage prior to
fatigue test.

0~

-igure 22. Blade specimen installed in
fatigue test rig.
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Figure 24. Strap fatigue test.
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packs. During this testing, results were obtained which showed that the strap pack can sustain loads and

motion equivalent to normal rotor speed condition with more than ten laminates failed out of a total of
twenty-two. At that point, the elongation of the straps was such that the centrifugal unbalance of the blade

on that arm would have given indication of the failure, so the test was discontinued.

Mention was made of the GAG (Ground-Air-Ground) cycles which is a once-per-flight excursion of

loads to a peak value and then removal of load, or even slight reversal. In the case of the main rotor,
the main loads imposed by such a condition are ccntrifugal to a peak value representing 104 percent nor-

mal rpm. During the testing of the main rotor hub, the fixture described earlier (Figure 9) was used to

apply a series of GAG cycles.

Once every 12 seconds, the load was varied from zero to a full centrifugal force equal to that obtained
at 104 percent rpm. Then a cycle of loads was obtained by rotating the hub at a wobble angle giving the

equivalent of a maneuver. This was sustained for a total of 39, 000 cycles representing 13, 000 hours,

successfully demonstrating the capability of the retention system for the GAG cycle. Similar testing was
also conducted on the blade root-end specimen and on the swept tip section.

CONCLUSION

1. The fatigue testing of the main rotor on the YAH-64 Advanced Attack Helicopter was carried

out on several full scale tests.

2. Testing was S-N type, constant amplitude loading, to obtain allowable fatigue curves.
Figure 25 shows a typical S-N curve.

3. GAG (Ground-Air-Ground) testing was also demonstrated on the main rotor blade retention
system, the blade root-end, and the swept tip.

4. Damage tolerance information was obtained by continuation of fatigue tests after first

detection of crack initiation.

5. A specimen of the main rotor blade after having been damaged ballistically was fatlgue

tested, demonstrating over five hours of normal operating life.

The success of this fatigue testing to date,, indicates that the main rotor blades and hub of the
Advanced Attack Helicopter have satisfactory fatigue strength for all conditions of the operating spectrum.
It also demonstrates that the design is highly damage tolerant, has many fail-safe features, and is highly
survivable.
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Figure 25. Typical S-N curve.
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SUMMARY

MBB's fatigue testing methodology for composite rotor blades, established and proved
during the last 20 years, is based on nonlinear regression analysis.

An equation, proposed by WEIBULL, with four material-dependent parameters is used to
derive mean and working S/N curves between static strength and endurance limit. To cal-
culate a scatter factor, the fatigue failure load for a given number of cycles is chosen
as statistical variable.

The fatigue testing programme is comprised of testing coupons, cut out of production
blades, to establish basic S/N curve shapes both for fibre and matrix failure. Coupontesting includes temperature/humidity preconditioning effects and the effect of test
temperature as well as service usage on the fatigue strength of unidirectional glass fibre
composite.

Full scale fatigue tests are conducted with root end and aerofoil sections. These
tests include effects of ballistic impact damage and long term environmental effects
incurred during service usage in different climatic zones.

It was found by the tests that the S/N curve shapes and scatter factors determined
from coupon data could be applied to the full scale specimens. A reduction in inter-
laminar shear fatigue strength was found with coupons, after artificial environmental
exposure. With coupons, cut out of used blades, no degradation could be found, as it
is with full scale specimens.

Composite rotor blades show excellent damage tolerance characteristics, where damage
will be indicated by changes in the eigenfrequeacies, due to decreasing stiffnesses, long
before the structural integrity will be questioned.

LIST OF SYMBOLS

A ratio of stress amplitude to mean stress

N cycles to failure

R ratio of minimum stress to maximum stress

a,b material-dependent parameters

jp reduction factor

n number of test specimens

s oscillatory stress

sN fatigue failure stress for a given number of cycles

s u static strength

s, endurance limit

sxx

y,z ) material-dependent parameters

as,B j

C scatter factor
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1. INTRODUCTION

Our activities in fibre composites for primary structures began in the middle 1950s.
The high elasticity of glass fibre composites and their high specific static and fatigue
strength in combination with the ability of composite materials to "tailor" the mechanical
properties became evident. These advantages, as well as the flexibility to achieve the
desired geometry and the ease of fabrication led to the successful development of the
hingeless rotor "SYSTEM BULKOW", of which the glass fibre rotor blades are an essential
design feature. This rotor system can be regarded as a quasi-articulated rotor, the flap-
ping and lagging hinges of which, are replaced by elastic deformations of the composite
blades E1].

Up to now, more than 500 B0 105 helicopters,equipped with such a rotor system, have
been delivered to customers and next year the BK 117 with the same rotor system will
follow.

Fig.1 BO 105 Production Version Fig.2 BK 117 Prototype

The operations of the B3 105 helicopters in civilian as well as in military missions,
have accumulated over 1 000 000 main rotor blade and 500 000 tail rotor blade hours in the
past ten years, with the fleet-leaders approaching 10000 flight hours on main rotor blades.

As the BO 105 was the first production helicopter with composite rotor blades, fati-
gue testing techniques and methodologies had to be established and proved for certifica-
tion purposes.

The successful application of composites requires a detailed knowledge of the influ-
ence of the fabrication technology and service environment on the material system. At MBB
fatigue testing of composite rotor blades therefore started with coupon testing to provide
an adequate design datd base. Mechanical properties of composites generally depend on

- fibre and matrix properties
- fibre content and orientation

- curing temperature and time

- moisture absorption

- testing temperature

- environmental effects

In order to take care of any influence on mechanical properties induced by the manu-
facturing process, the coupon specimens were cut out of production blades and the blades'
fatigue strength assessment was performed on full scale components [2].
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2. BLADE DESCRIPTION

407S 720 A
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Fig.3 BO 105 Main Rotor Blade Fig.4 BO 105 Tail, Rotor Blade

As main and tail rotor blades are similar in design, manufacture and constituent
materials, we restrict ourselves to the main rotor blade.

The aerofoil section has a 270 mm chord modified NACA 23012 airfoil. To match the
first inplane natural frequency, the root end area has a reduced chord ("swan neck").
The BO 105 blade consists of the following structural parts, having various functions:

- spar, made of unidirectional E-glass, contributes to flapwise (77%),
chordwise (40%), and torsional (32%) stiffness and reacts centrifugal
forces as well as bending and twisting moments;

- skin, made of ± 450 orientated E-glass fabric, contributes to chord-
wise (52%), torsional (44%) and flapwise (14%) stiffness and reacts
twisting and bending moments;

- core, made of modified PVC foam, contributes to torsional stiffness
(12%) and prevents skin buckling when bending and twisting moments
are applied;

- erosion strip, made of TiAl6V4, contributes to torsional (12%),
flapwise (9%) and chordwise (8%) stif2ness, joins the upper and
lower skins and providos the necessary leading edge protection;

- balance weight, made of lead, to position the centre of gravity
near the quarter chord line.

iBt(

Fig.Sa Rotor Blade Production Process (skin Lay-up) i
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Fig.5b Rotor Blade Production Process (Roving Tape Lay-Up)

The production process starts with hand lay-up and impregnation of the skin in an
upper and lower female aluminium mould. Roving tapes of slightly more than twice the
blade length are impregnated by special equipment. These tapes are then placed in the
moulds onto the skin in such a way that the glass fibres run from the blade tip to Che
root end area, around the attachment bushing, and back to the blade tip. The tapes are
pressed together and against the skin with :'mple tools, removing any entrapped air,
and producing a reasonably homogenous spar which has practically no voids. The inside
profile of the spar is adjusted and checkea by templates guided by milled grooves in the
mould face. The foam core and the balance weight are then inserted into the lower mould.
The upper mould is placed upon the lower mould, the two halves are presse6 together and
heated up to curing temperature which is 105 i 30C for 8 hours. There is only one curing
cycle necessary for the structural elements of the blade, i.e. spar and skin. The blade
is finished by bonding the erosion strip, the tip cover as well as the torsion caps in

the root end area and potting it into the clamshell type titanium root end fitting.

Fig.6 GFC Main Rotor Blade Fig.7 GFC Tail Rotor Blade

3. LOADING SITUATION

It is obvious that when a blade rotates, it is subjected to centrifugal forcei
cyclically applied with each start-stop cycle.

For hingeless rotors i.e. without flapping hinges it is possible to transfer high mo-
ments from the blades to the hub and the fuselage, producing high moment loading at the
blade root area. This moment loading can be reduced by coning the hub arms and thus pro-
ducing an unloading moment from the centtifugal forces. Normally the precone angle will
be chosen for zero moment at design rotor thrust. Other thrust conditions will result in
corresponding moments and it should be pointed out that these moments, primarily resul-
ting from cyclic control inputs, are the basis of improvements in handling qualities of
hingeless rotor systems. Trim conditions which need a rotor produced moment to overcome
for instance c.g.-travel or slope landing conditions, require an alternating first harmo-
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nic moment in the rotating system for the hingeless rotor.

Higher harmonic blade loads and moments at the blade root result from unsteady
aerodynamic flow conditions in forward flight. For a dynamically well-tuned hingeless
rotor these higher harmonic moments are relatively low compared with the first harmonic
moments needed for trim or flight manoeuvrcs.

The highest loaded section of the blades of a hingeless rotor is therefore the
blade root attachment area. To correspond closely to actual flight conditions, the fol-
lowing loading has to be considered:

- centrifugal forces;

- flapwise bending moments;

- chordwise bending moments;

- torsional moments

4. FATIGUE STRENGTH PHILOSOPHY

Life prediction methods which have been established and proved successful at MBB's
helicopter division consist of three basic steps: (1) the estimation of the magnitude and
frequezy of occurrence of the loads that will be encountered during the operational life
of thc structure; (2) the estimation of the components fatigue strengths, taking into
account scatter, size and shape effects, surface finish and environmental influences;
and (3) the combination of the interactive effects of these loads and strengths by means
of the "Linear Cumulative Damage Hypothesis" (Miner's rule) [3].

As fatigue tests should be conducted over a range of oscillatory stresses or loads
at stealJ stresses or loads representative of those occurring in fX.'ht [4], the followhng
questions arise: (1) which SiN curve shape shall be applied to these data; (2) how can the
influence of steady stresses be taken into account; (3) how to determine the scatter in
fatigue strength to arrive at a working S!N curve.

The simplest method to evaluate a mean curve is to draw an averaged curve by eye.
A more exact method, however, is to formulate an analytical expression for S/N curves and
to evaluate the free parameters by regression analysis. At MBB's helicopter division the
fol'towing formula, proposed by WEIBULL, is used:

s = s. + (S - s.)/(l(OgN) ()

This formula allows the establishment of mean and working S/N curves between static strength
Su(N = 1) and endurance limit s.(N * c).

For modern helicopters the minimum required fatigue life for all dynamic components
is at least 5000 hours, leading to minimum load cycles of 104 even for such components
which are loaded by start-stop cycles only. In this case, a simplified formula can be
drawn from equations (1) by setting 8 1 1 which leaves:

s = s". + (s* - S.)/Nx . (2)

x may be chosen as 1/2, 1/3 and 1/6 for steel, light alloys and fibre composites, respec-
tively.

The influence of steady stresses may be taken into account when replacing s* and s.
in equation (2) by the following expressions:

s'(A) = s*/(1 + b/Az) (3)

sý(A) = s./(1 + a/AY), (4)

where the mater~.al-dependent parameters a, b, It and z must also be evaluated by regression
analysis.

To establish a working S/N curve, statistical methods have to h applied, as fatigue
strength is of a statistical nature. In order to determine scatter, a statistical variable,
a function of s or N, must be selected. As the number of cycles N yields infinite scatter
in the iegi',n of the endurance limit, it is not appropriate and we have chosen the fatigue
strength for a given number of cycles sN as statistical variable. Normally we use N - C,
i.e. s. or N = i i.e. su or s* respectively. The validity of normal distribution of log sN
is verified and the fatigue strength therefore can be characterized by its median and
standard deviation.

In arriving at a working S/N curve, we usually use a survival probability of 99.9%
and a confidence level of 95% which yields the following reduction factor:

jp = C 3.090 + 1.645//r, (5)
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5. FATIGUE TESTING PROGRAMME

The fatigue testing programme is comprised of testing coupons, cut out of production
blades to take care of any influences of the manufacturing process, and full scale sections
of the blade .

Fibre composites may fail either by a fibre failure or by a failure of the matrix
or the interface of fibre and matrix. Two different types of coupon specimens are there-
fore fatigue tested to establish basic S/N curve shapes both for fibre and matrix fai-
lure. The specimens of unidirectional E-glass are cut out of the blade spar from various
stations and differ mainly in the length to height ratio, relating to bending and shear
fatigue strength respectively. Coupon testing includes temperature/humidity precondi-
tioning effects, both unloaded and loaded, and the effect of test temperature as well as
service usage.

Full scale fatigte tests are conducted with che following sections of the blade:

root end section;

- transition root end/aerofoil section;
- aerofoil section.

These tests include effects of ballistic impact damage and long term environmental
e'fects incurred during service usage in different climatic zones.

As the full scale components never fail catastrophically, which is typical of com-
posite materials, in some cases the testing is continued after initial damage to estab-

lish crack propagation rates and to demonstrate damage tolerance characteristics.

Bending Fatigue Tests

Fatigue in Bending

630"

L JPm± Pa

Fig.8 Bending Fatigue Test Set-Up

Three point Lending of relatively slender specimens (Fig. 8) leads to high stresses
in the glass fibres on the upper and lower surface, thus producing fibre failure. Damage
starts on the surface with the highest tension loading by delamination and ýibre cracking
and propagates into the sp;cimen causing a decrease in the bending stiffness. Crack pro-
pagation rate depends on the stresses applied, but is very low compared with metals. In
this way we conducted tests with different stress ratios (- 1 < R < 0.5).

The data points and the regression curve for a stress ratio of R = 0.2 are presented
in Fig. 9. Results of specimens (marked with triangle) which were cut out of a rotorblade,
in service for 2600 fliqht hours in the Gulf of Mexico region, are well within scatter.
The results of all bending fatigue tests cazried through up to now on E-Glass with 55%
fiby.e content are presented as a Haigh diagram in Fig. 10.

We have also fatigue tested notched long beam beading specimens with different
notch shapes and found no stress concentration effects. The results fit reasonably into
untiotched data, when the strength is referred to net section. Cracks started at the not-
ches and propagated parallel to the fibres, thus not effecting the net section.
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Fig.9 Bending Fatigue S/N Curve Fig. 10 Bending Fatigue Haigh Diagram

Shear Fatigue Tests

Pm t Pa

Fatigue in Shear

5i.9"

"--2.40

Fig.11 Shear Fatigue Test Set-Up

Three point bending of shorter specimens (Fig. 11) leads to high interlaminar shear
stresses in the neutral plane of the specimen which produces matrix or interface failure.
Shear crack propagation was observed to be as fast as with metals. Tests were conducted
with different stress ratios (- 1 < R < 0.5). The data points and the regression curve
for a stress ratio of R = 0.11 are presented in Fig. 12. Results of specimens (marked
with triangle) which were cut out of a rotorblade, in service in the Gulf of Mexico
region for 2600 flight hours, are well within scatter. The results of all shear fatigue
testscarried through up to now, are presented as a Haigh diagram in Fig. 13.
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Fig.12 Shear Fatigue S/N Curve Fig.13 Shear Fatigue Haigh Diagram

As environmental exposure is expected to mainly influence the matrix and the inter-

face of fibre and matrix, short beam bending tests were conducted to evaluate both tem-

perature and humidity preconditionin9 effects, unloaded and loaded, on the shear fatigue

strength. The specimens were exposed to the following three variations of simulated
weathering:

Climatic Condition No. 1:

x hours at 90 0C and 70% relative humidity
(x = 10 resp. 100 resp. 1000)

Climatic Condition No. 2:

1 cycle = 168 hours
= 4 • (15 hours at ultraviolet radiation +

+ 9 hours water submersion) + 72 hours at 700C

Climatic Condition No. 3:

I cycle = 168 hours
= 4 • (10 hours at 72 0C and 92% relative humidity +

+ 14 hours at -40 0 C) + 10 hours at 72 0 C and 92%
relative humidity + 62 hours at 230 C and 50%
relative humidity

Fig. 14 summarizes the endurance limit- (values at 108 cycles and R = 0.11) of each

preconditioned data set plotted versus number of cycles or hours of climatic exposure.

The difference of the three climatic conditions is insigniff.cant within the exposed cycles

and after about 5000 hours of exposure, there was an average 12% reducti(n in endurance
limit.

200

*UNWEATHERED
&oWNATC 000104
A CJLAITIC WCHM1*N N1

CLIATIC COND4ITION O3N
.kAPLFU SHEAR 81R1ESS % ••4

'10 3 1 i MI I 3 21 24 27 30
CKILES It CYCLE .168 HOURS

Fig.14 Weathering Effects on the Shear Fatigue Strength
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Short beam bending tests were also conducted at -40 0C, 300C and 70 0C respectively
to evaluate the effect of test temperature on static and fatigue shear strength. From
the data of Fig. 15, it is observed that test temperature effects both static and fatigue
strength by the same amount, i.e. about 25% higher shear strength at -40 0 C and about 25%
lower shear strength at +700 C in comparison with room temperature.

900
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Fig.15 Test Temperature Effects on Shear Strength

For both bending and shear fatigue strength a scatter factor in stress direction
of the magnitude of E:z 1.06 is found. This value is about the same as that typically
encountered in fatigue test data for the competing materials.

Root End Section Fatigue Tests

Isbuilt up with loadinglod Root Ntcs andlodapiai ttcetweefa s,

EWLftUHUOL8

Mo -Mig1900,26001 lI bs

Tension (C F )11 it

Fig.16 Blade Root Specimen Fig.17 Test Bench for Blade Root Testing

As with a hingeless rotor system the root end section is thA highest loaded part
of the rsctor blade, we concentrate our activities on this item. The specimen consists of
blade section inboard of aerofoil section, titaniumn attachment fitting, main and lead
lag bolts as well as o htanium inner sleeve.

The purpose of the test is to evaluate the fatigue strength of the blade root
end wection and the blade to hub attachment joints. The outboard end ig the specimen
is built up with loading doublers and load anPplicatic's attachments, whe..e flapwise,
chordwise and torsional loadings are applied through excenters. An dxial steady load
which simulates centrifugal force is also applied to the specimen.

Failure occurs in the composite material within the attachment fitting (Fig. 18)
after the stiffness of the -.lade has dropped significantly at relatively high stress
levels. Tne reason for the failure may be a hot spot due to high stresses and fretting
between the blade loop and the fitting.
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Fig. 19 shows the root end section data and the mean S/N curve. As we have tested
up to now more than 30 specimens, the full scale data can be used to establish the scat-[• ter factor.

w 0

100 111 02 10 0, 105 106 107

CYCLES

Fig.18 Failure of the Root End Specimen Fig.19 Root End Section S/N Curve

One specimen was subjected to more than 70000 start-stop cycles without failure.
Another specimen was tested at 700 C and no difference to testing with room temperature
could be found. One specimen was tested unter artificial weathering conditions (-400 C
to 50 0 C and 90% to 95% relative humidity) without failure.

Resistance to ballistic impact was shown by testing a specimen penetrated by armour
piercing ammunition .30 APM 2[5]. After more than 7 million cycles at highest flight loads
the damage had not propagated at all.

To evaluate the long term effects of the environment on structural integrity, MBB
has started a project, sponsored by the German Ministry of Defence, to inspect and test
high time service main rotor blades. Up to now two blades, one with 2600 flight hours
flown in the U.S.A. over the southern coastal region of Louisiana and the Gulf of Mexico
and the other with 3700 flight hours flown in U.K. over the North Scottish coastal. region
and the North Sea were tested.

The physical property tests showed no differences between new and used blades which
were attributable to composite uiaterial. All stiffnesses and frequencies were within the
same range of scatter. Both blades, however, showed indications of delaminations in the
torsion caps near the root end fitting. To demonstrate damage tolerance characteristics,
testing was performed with flight loads.

After 400000 cyles of the 2600 hours blade the delaminated torsion caps showed
indications of cracks and therefore were removed for inspection of the spar, but no
damage could be found. The test was stopped at this stage for reasons other than the
components fatigue strength.

After about 1 million cycles, the second blade (with 3700 flight hours) also showed
cracks in the torsion cars, but testing was continued with very low crack propagation in the
caps up to more than 15 million cycles without any decrease in stiffness. Thereafter the
load was increased by nearly 50% and the crack propagation accelerated. The test was
stopped after 2.5 million cycles of elevated loading with a crack length in the caps of
more than 200 mm and a stiffness reduction, both flapwise and torsional, of more than
10%.

Transition Section Fatigue Tests

The specimens, consisting of root end section and part of aerofoil section, are
loaded chordwise in three point bending, with tLe highest bending moments occuring at
the transition from "swan neck" to aerofoil section. The outboard end of the specimen is
built up with loading doublers and load application attachments, where chordwise oscilla-
tory loads and axial steady loads, to simulate centrifugal force, are applied.

Failure occurs in the composite material at the beginning of the aerofoil section
(Fig. 20). The loads applied to the specimen, representing elevated levels cf flight
load distribution, initiated delaminations aftar about 1 million cycles. The test was
stopped after more than 30 nmillion cycles with a crack length larger than 100 mm. As
this test has shown that a very low crack propagation rate even with extreme high loading
may be expected, only cwo specimens were tested.
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Fig.20 Failure of the Transition Section

Aerofoil Section Bending Fatigue Tests

8 ft tong Test Somple wth StroangoLes
(Constont Ctoss Section)

C -A 'C-

Fig.21 Aerofoil Section Bending Specimen Fig.22 Resonance Test Bench

The blade's aerofoil section, where centrifugal forces are low and flapwise bending
predominates, is tested on the blade resonance test bench in flapwise bending. In this
machine the first free-free mode is excited by an excenter at a point near a node,whereas
the blade is supported at another node of its flapwise bending mode. The amplitude is
controled by the stroke and the speed of the excenter.

The tests are conducted to establish the fatigue strength under alternating strain
of the basic blade as well as of the erosion strip, the deicing mat and the bonding of
these to the blade.

Failure in the composite material occurs when the alternating strain exceeds 0.6%
which is equivalent to astress of '.50 N/mm2 . This is in good agreement with the results
of bending fatigue tests on coupoas as shown in Fig. 10.

Combat damage resistance of the blade is shown by testing an aerofoil section which
has been penetrated by armour piercing ammunition. Damage propagation can be seen with an
applied alternating strain of at least O.5%[5].

The aerofoil section of a blade with 2600 flight hours (see Root End Section Fatigue
Tests) shows no failure after more than 14 million cycles ate.6% alternating strain.

Fig. 23 shows the aerofoil section bending fatigue data and the mean S/N curve with
a shape based on coupon bending fatigue tests.
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Fig.23 Aerofoil Section Bending S/N Curve

Aerofoil Section Torsion Fatigue Tests

Fig.24 Torsion Test Set-Up Fig.25 Tension-Torsion Test Set-Up

As the ends of the aerofoil section specimens are not very highly loaded during
bending tests, these parts will be cut off thereafter and tested for torsion fatigue.
We apply alternating torsional load on specimens of 600 mm length (Fig. 24) and addi-
tional axial steady loads on specimens of 900 mm length (Fig. 25).

Failure occurs either by cracks in the blade skin (Fig. 26) or by separation between
skin and foam (Fig. 27) or by delamination of the trailing edge. In all cases damage pro-
pagation is very slow and failure is indicated by a decreasing torsional stiffness,

Fig.26 Crack in the Blade Skin
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Fig.27 Buckling of the Blade Skin

The aerofoil section torsion fatigue data and the mean S/N curve are shown in Fig. 28

101

Fig.28 Aerofoil Section Torsion S/N Curve

6. CONCLUDING REMARKS

From more than 20 years experience at MBB with composite rotor blades, through
testing some thousand specimens cut out of blades and more than hundred full scale speci-
mens, the following conclusions can be drawn:

- S/N curve shape between a few cycles and the infinite may be represented by a
single equation;

- influence of steady stresses may be taken into account in this formula;

- material-dependent parameters must b(. evaluated by non linear regression analysis;
- log SN shall be selected as statistical variable;

- scatter factors of composite materials are not dissimilar to those fcr metals;

- coupons shall be cut out of production blades to take care of any influence of
the manufacturing process;

- two different types of coupons are necessary, as fibre composites may fail either
in or between the fibres;
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- coupon data shows a 12% reduction in interlaminar shear fatigue strength due to
5000 hours artificial environmental exposure;

- test temperature effects both static and fatigue interlaminar shear strength by
the same amount, i.e. 25% higher at -40 0 C and 25% lower at +700 C compared with
room temperature strength;

- S/N curve shapes and scatter factors determined from coupon data can be applied
to the full scale specimens;

- full scale subcomponent testing is a practical way of showing compliance with
the strength requirements;

- composite main rotor blades following almost 4000 hours of flight time show no
degradation in their properties;

- fatigue failure modes in the full scale tests are of gradual nature, even when
ballistically impacted;

- changing eigenfrequencies, due to decreasing stiffnesses, will indicate damage
long before the structural integrity will be questioned.
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Report on Session IV

TESTING TECHNIQUES AND METHODOLOGY

by

Dean C.Borgman
Director of Advanced Systems

US Army Aviation R&D Command
AVRADCOM

St Louis, MO 63120, USA

This session on Helicopter Fatigue Testing Techniques and Methodology included five papers. The papers covered
the spectrum of testing, from discussion of test techniques for a complete aircraft, down to major assemblies such as
transmissions and rotor hubs, down to major components such as the main rotor blade.

The first paper of the session was presented by Messrs. Petard and Lambert and was entitled, "Fatigue T-sting
of the Complete Structure of the Aerospatiale SA 341 Gazelle". The paper was very interesting and discussed three
major topics. First the loading distribution and the techniques for simulating the loading distribution were described,

secondly, the test facilities and testing techniques utilized were discussed, and thirdly, the rtsults of the tests were
described. The testing simulated in excess of 20,000 flight lours over a four-year period. Included in this simulation
were 68,000 take-off and landing cycles. The failures which were identified as a result of the testing were categorized
into four types. The first of these were of minor consequence and were primarily cosmetic in nature. The three
remaining types of failures were progressively more serious and related to safety of flight. Of these, the most serious
appeared to be the development of cracks in bulkhead areas where the canopy was supported. The authors reported
good correlation between the testing which was accomplished and experience which has been gained from ^ield service.
From the questions which were asked by the audience during the discussion period, there was evidence of .onsiderable I
interest in the motivation for the test. In addition, questions were raised as to the cost effectiveness of this type testing.

The second paper of the session was presented by Mr Zincone and was entitled, "Helicopter Gearbox Testing".
This extremely informative and interesting paper discussed the advantages of over-stress testing in the development of
new helicopter transmissions. The author pointed out that testing at accelerated loadings generally produices gion-linear
increases in stresses and, therefore, precautions must be taken to accurately account for the increased deflections ,vhich
can result from this condition. Also, over-stress testing requirements place design conditions on the helicopter trans-
mission which must be accounted for by the helicopter designer. Finally, and perhaps most importan)l•, Mr Zincone
pointed out the differences which exist in the acceptance criteria l•id down by various certifying agencies. lie
recommends the establishment of a standardized acceptance criteria as part of a helicopter gearbox test spewrfikation.
This specification would be developed jointly by the industry and the certifying agencies.

The third paper of the session presented by Mr Baker was entitled, "Fatigua Testing of Helicopter Gearboxes".
Mr Baker provided a comprehensive review of the fatigue test,ng philosophy and techniques utilized at Westland
Helicopters. He stressed the significant costs which are associated with fatigue testing, both in terms of time as well as
materials and labor. This paper also recommended further standardization of test methods and factors utilized in
fatigue testing, This paper generated a discussion on testing requirements "or main gearboxes, during which time the
advantages end disadvantages of main gearbox fatigue testing were discussed.

The fourth pap.r of the session authored and presented by Mr McDermott was entitled, "The Methodology
Applied to Fatigue Analysis and Testing of the Main Rotor Blade and Hub of the YAH-64 Advanced Attack Heli.opter".
Tile presentation included an excellent description of the helicopter ,ystem and a ,omplete review was provided of the
full-scale fatigue testing of the YAH-64 main rotor. The testing that has been completed to date has been done at
constant amplitude loadings. S-N allowable curves have now been generated. Some components haee also been G-A-G
tested, and damage tolerance information is being .ollected. A significant result from the dam,.gc tolerane testing that
has been completed is the demonstration of over five hours of operating life on the main rotor blade after it has sub-
tained significant ballistic damage.

The last paper of the session authored and presented by Mr Och was entitled, "Fatigue Testing of Composite
Rotor Blades". This was a very thorough paper, based on tlhe MBB's experience of more than 20 years of composite
rotor blades. Mr Och pointed out that the S-N curve shape may be represented by a single equation, with the ma-enal-
dependent paimeters being evaluated by a non-linear regression analysis. MBB has concluded that S-N curve shapes
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and scatter factors which are determined from coupon data can be applied directly to full scale composite specimens.
In the discussion period which followed, Mr Och indicated that MBB's most recent data indicates a 6% scatter factor.
All of MBB's experience confirms the soft failure mode of composites. The failure modes which have been identified
are all gradual, even in the presence of ballistic damage. The affect of decreased stiffness on frequency which results
from material failure is a good indicator of damage long before the structural integrity of the component becomes a
problem.

In summary, Session IV was an unusually good collection of presentations and provided a significant contribution
to the overall success of this Specialists' Meeting.

II
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DEVELOPMENT OF STANDARDISED FATIGUE TEST LOAD HISTORIES FOR HELICOPTER ROTORS -

BASIC CONSIDERATIONS AND DEFINITION OF HELIX AND FELIX

J. Darts
Royal Aircraft Establishment, Farnborough, Hampshire, England

D. Schitz
Fraunhofer-Institut fur Betriebsfestigkeit, LBF,

Darmstadt-Kranichstein, West Germany

SUMMARY

The loading environment experienced by helicopter rotor components is generally
around the constant amplitude fatigue limit. Realistic assessment of the fatigue
performance of helicopter materials and design details by flight simulation loading
therefore results in long testing times which are expensive on electrohydraulic machines.
The adoption of a standard' loading history for such assessments should reduce the amount
of testing required and greatly increase the technical value of individual test results.
This is because with an agreed standard a wealth of relevant data accumulates quickly,
which may negate the need for some tests and gives extensive comparative data for others.
Large evaluation programmes can therefore be more readily shared between different
organisations and countries because the results of the programme will be comparable with
the organisations'own standard data and the standard data previously accumulated. This
paper describes the development of two standard load histories for the fatigue evaluation
of helicopter rotor materials and design details.

The work presented in the paper is the result of collaboration between LBF, IABG
and MBB of West Germany, NLR of The Netherlands and RAE of the UK.

1 INTRODUCTION

The loading environment for a helicopter is the result of the combined action of
turbulence, manoeuvres performed by the helicopter and the rotating machinery which gives
the helicopter its unique performance. A large number of stress cycles are inuuced in
the helicopter by this environment and fatigue is a major consideration in its design.
This Report concentrates on one aspect of the well documented'i 2 fatigue substantiation
procedures of helicopters.

Fatigue evaluation unrelated to specific projects, that is fatigue telting of
materials, material that has undergone different manufacturing processes an6 design
details of components, is an essential part of the design and development of a helicopter.
For fatigue evaluation it is normal practice that the testing is carried out with con-
stant amplitude loading but in the rare case where variable amplitude loading is used the
spetcrum of loads is very simplified3 . There is however extensive evidence 4 , 5 of the
inherent inaccuracies in using constant amplitude loading for evaluation purposes and of
the need to assess the accuracy af the life estimation method by flight simulation load-
ing. Flight simulation loading can be, however, an unpopular evaluation tool because its
application requires expensive electrohydraulic fatigue machines. Also these machines
give testing times at least twice that of conventional methods.

The problem of expense that results from using flight simulation loading for the
fatigue evaluation of fixed-wing airciaft materials, etc, has in recent years been
mitigated by the development of standard loading sequences. Adoption of standard
sequences reduces the amount of testing required in some cases and greatly increases the
technical value of individual test results. This is because a wealth of relevant data
accumulates quickly which negates the need for some tests and gives extensive relevant
comparative data for other,s. Large evaluation programmes can therefore be more readily
shared between different organisations and countries because the results of the pro-
gramme will be comparable with the organisations' own standard data and the standard data
previously accumulated. This co-operation in fatigue test evaluation programmes promotes
collaboration in other research areas.

A detailed discussion of the theory of standard load sequences follows in section 2
but the success of this approach to evaluation programmes can be judged by the number of
countries that have used or ii.tend using the standard loading for a fighter aircraft,
FALSTAFF6; Australia, Canada, France, West Germany, Holland, Israel, Italy, Sweden,
Switzerland, UK and US.

This Report describes part of a collaborative study between West Germany, Holland
and the UK in which standard loading sequences for the fatigue evaluation of helicopter
rotor materials, etc, are being defined. Details of the contributing organisations and
individuals are given in A.pendix A. The Ultimate aim of the study is to assess the
suitability and economics .f 3sing standard flight simulation loading instead of constant
amplitude loading for the fatigue evaluation of helicopter rotcr materials, etc. This
Report describes two phases of the study. Firstly the analysis of usage and loading data
at the fatigue critical rotor section of four helicopters to assess the 3imilarity of
spectra. The he:icopters considered in the study were Sea King and CH-53. artirulated
rotor helicopters, and Lynx and BO-105, semi-rigid rotor helicopters. Secondly the
definition of standard spectra and the methods of generating the loading pattern to give
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a realistic representation of helicopter usage. In both phases the articulated and semi-

rigid rotors are discussed separately as it was considered that a standard spectrum was
required for each of the rotor types. The definition of the standard loading sequence
for an articulated rotor is complete but that for the semi-rigid rotor still requires
further work.

A second report7 describes the practical use of these loading sequences and some
initial fatigue test results.

Past experience has shown that the assignment of a simple name to a standard load-
ing history promotes discussion and avoids confusion between the different standards. The
transport aircraft loading standard is called TWIST 8 (Transport WIng STandard loading)
and the fighter aircraft loading standard is called FALSTAFF 6 (Fighter Aircraft Loading
STAndard For Fatigue evaluation). For the helicopter standard loadings the origin of the
word helicopter (helix-spiral, pteron-wing from Greek) has provided suitable names for
the standards, viz:

Helix - loading standard for 'hinged' or articulated rotors
Felix - loading standard for 'fixed' or semi-rigid rotors.

The second of the names proves to be particularly appropriate as an early pioneer in
helicopter development was Felix Tournachon. The lower case lettering is because the
names Helix and Felix are nct acronyms.

2 DEFINITION OF STANDARD LOAD HISTORY

The loading pattern experienced by a helicopter, fighter or transport aircraft
varies tremendously because of different aircraft capabilities and usage. There is,
however, a degree of commonality between the loading experienced by similar aircraft
types. For example the bending load histories near the wing roots of fighter aircraft
will differ widely in severity but the spectrum of loads will have a similar shape. The
spectrum is generally asymmetric (larger positive loads than negative) and the spectrum
of positive loads has a convex shape. In contrast the spectrum of wing root bending
moments for a transport aircraft is symmetric and the spectrum of positive loads is
concave. In both cases examination of flight records of loads reveals that flights are
divided by recognisable ground-to-air transitions and different severities of flight are
apparent. A loading sequence that, say, represents the characteristics of a transport
aircraft spectrum can be said to be a typical service loading history.

A standard load sequence is a well defined load history that is considered repres-
entative of typical service loading in a specific type of structure. It is a tool for
comparing the fatigue life of A with B where, for example, A and B are materials, design
details or tests with and without corrosive environment. A standard load sequence is not
intended for the fatigue testing components for a specific aircraft because a loading
sequence that reflects that airc* usage would be more appropriate.

From the above discussion i ba seen that the standard load sequences for
helicopter rotors need to reflect ._i% 1eneral pattern of aircraft usage. There should
also be similarity in loading spectra for any group of aircraft covered by one standard.

1 3 DESCRIPTION OF HELICOPTERS IN THE STUDY

The four helicopters discussed in this Report are as follows.

(a) Westland Helicopters Ltd - Sea King

A twin-engined aircraft having a maximum take-off weight of 9530 kg used mainly for
anti-submarine warfare operations. The rotor is articulated, 18.9 m in diauneter, and has
five blades. The rotor head materials are titanium and steel and the blade spars are
aluminium.

(b) Sikorsky - CH-53D/G

A heavy transport, twin-engined aircraft with a maximum take-off weight of 19050 kg.
The rctor construction is similar to the Sea King but there are six blades and the rotor
diameter is 22 m.

(c) IMBB-BO-105

A twin-enginedmulti-purpose aircraft with a maximum take-off weight of 2400 kg.
The semi-rigid rotor, 9.8 m in diameter, has four blades. The rotor head material is
titanium and the blade material is glass reinforced plastic.

(d) Westland Helicopters Ltd - Lynx

A twin-engined, multi-purpose aircraft with a maximum take-off weight of 4760 kg.
The semi-rigid rotor, 12.8 m in diameter, has four blades. The rotor head material is
titanium and the blade spars are stainless steel.

The four helicopters above have two fundamentally different rotor designo. The Sea
King and CH 53 have an articUated or 'hinged' rotor whose characteristics locate the
maximum flapwise bending moment in a rotor at about half rotor radius. The Lynx and
BO-105 have a semi-rigid or 'hingeless' rotor whose characteristicr locate the maximum
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bending moment inboard of, or at the blade toot. In the discussion of loading data in
the sections that follow the data for the two rotor designs are considered separately and
are referred to as articulated and semi-rigid rotors.

4 ASSESSMENT OF HELICOPTER USAGE AND LOADING PATTERNS

4.1 Introduction

To define a st ndard load sequence aircraft usage and loading patterns should be
assessed and loading pectra similarity demonstrated (see section 2). In the following
sections helicopter b rtie patterns and flight length variations are discussed to deter-
mine typical aircraft usage. In this Report flight is a term used to describe the period
between take-off and landing while a sortie describes a type of flight fulfilling a
particular role. Loading patterns are considered by the assessment of the type of
manoeuvres and time spent therein to perform a sortie. For the articulatud rotor heli-
copters data on manoeuvre mixes were available for three characteristic sorties while for
the semi-rigid rotor helicopters there was only an average usage mix of manoeuvres. Load-
ing in the critical rotor section induced by the heiicopter manoeuvres is considered,
concluding with a comparison between Sea King and CII-53 transport spectra and BO-105 and
Lynx average usage spectra.

4.2 Mix of sorties

The helicopter is a utility aircraft that can be used in a variety of roles. One
helicopter may perform one role in preference to others, for example a helicopter may be
allocated to search and rescue operations, but will on occasions fly training and trans-
port sorties.

In section 4.4 it will be seen that the different sorties have different loading
spectra and therefore any loading sequence must take account of the variety of sorties
performed by a helicopter. In 1974 a survey 9 of UK Service use of helicopters was con-
ducted and sortie types recorded. The aircraft types in the survey included Sea King,
Gazelle, Scout, Wasp, Wessex, Whirlwind and Puma, totalling 500 individual aircraft and
75000 flying hours. The results of the survey were considered suitable for this study
because other surveys of helicopter usage have generally been limited to one theatre of
operationO.

An objective of this study was that the loading sequence should reflect the general
pattern of usage of helicopters and therefore the sortie mix was taken to be the average
of all the aircraft sortie patterns in the survey. In the survey a wide variety of
sortie codes was recorded but to represent all of these sorties in the loading standard
would have been a difficult task. Examination of the survey revealed that the majority
of sorties could however be categorised under the general headings of Traiating, Transport,
Anti-Submarine Warfare (ASW) and Search and Rescue (SAR). An examination of the
manoeuvres performed by a helicopter would also result in these four sortie categories
being evident. Table 1 lists the percentage time spent in each of these four sorties for
all the helicopters in the survey in comparison with the sortie mix foz just Sea King.
This comparison reveals the above-average use of Sea King in an ASW role.

The sortie mix for all aircraft in Table I was selected for the loading standavds
for both the articulated and rigid rotor aircraft. The major reason for choosing this
sortie mix was that the loading standards needed to reflect the general usage of heli-
copters in order to represent all the significant loading patterns experienced by the
rotor (see section 2). Adoption of, say, the Sea King sortie mix would have resulted in
a standard that was only applicable to a helicopter used mainly in ASW operations.
Despite the survey data being only of UK origin it was found to be a good representation
of what was known about Dutch and German helicopter usage.

4.3 Flight time for a sortie

The major alternating loads on a helicopter rotor blade are a result of varying
loading conditions as the blade rotates and changes in lift induced by pilot control
movements. The number of load cycles accumulated by the blade is therefore related to
the flying time. (This is unlike the case of a transport fixed-wing aircraft where the
majority of loading cycles occur during the climb and descent phase of flight. The
number of cycles accumulated is therefore dependent on the number of flights.) The
flight times and mix of sorties determine the minimum number of flignts the standard
loading has to simulate in order to represent the most infrequent flight duration. The
survey of UK helicopter usage discussed in section 4.2 also gave the flight durations for
each sortie.

In order to represent adequately the variability of usage of helicopters, more than
one flight duration per sortie was necessary as had been used in other aircraft standard
loadings 6 , 8 . Only detailed information on Sea King flight durations was readily available
from the survey and it was considered that representation of flight length variation was
more important than the differences that might exist between Sea King and all-aircraft
flight durations. The Sea King flight durations were categorised into intervals of 15 min
to compress the data. The results of this analysis are illustrated in Fig 1 for Training
and Transport and Fig 2 for ASW and SAR sorties.

To sensibly represent the distribution of flight durations, illustrated in Figs 1
and 2, in the loading standards a further compression of the data was needed. Three
flight lengths for each sortie were chosen by considering the data in Figs 1 and 2, the
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maximum length of the loading sequence and the occurrence of the most infrequent sortie
and flight length (see Appendix B). In the generation of both Helix and Felix flight
durations of 0.75, 2.25 and 3.75 h were chosen for each of the four sorties.

4.4 Mix of manoeuvres in a sortie

To perform a defined sortie a helicopter will need to fly certain patterns of
manoeuvres. For example a helicopter in an ASW role involving sonar dunks will go
through a transition from cruising speed to hover, deploy and retrieve the sonar buoy,
accelerate and manoeuvre to a new search area. By recording this information the average
time spent in a manoeuvre during a sortie can be estimated. The time spent in some man-
oeuvres will depend on the flight duration while others may occur only once or twice per
flight. With a knowledge of the manoeuvres performed and the loading on the aircraft
during these manoeuvres a spectrum of loads can be compiled for che sortie. The record-
ing of frequenc and duration of manoeuvres during operatiorl! sorties is an area of
current study9gY1,12 but from experience mixes of manoen.res have been defined for use in
design and certification of aircraft. Loading spectra synvhesised from design mix of
manoeuvres nave in most cases compared favourably with measured ,peratitnal spectra1 3,1 4.

The design mix of manoeuvres for Sea King in the Transport, ASW and SAR roles are
listed in Table 2 in terms of percentage time spent in 24 manoeuvts. The definition of
the Training role in these terms is difficult because this role can vary from say half an
hour of handling exercises to a two-hour route following sortie. The inclusion of the
Training sortie in the loading standards is discussed in section 6.4. Table 2 demon-
strates the dependence of the severity of loading on the sortie performed. For example a
Sea King performing an ASW sortie spends about one-third of its time hovering while in
the Transport role over three-quarters of the flight time is occupied by forward flight
at 103 kn. Hover is a manoeuvre that generates relatively minor loads whereas the load-
ing in forward flight at 103 kn is significant (see Table 6, section 6.2).

At the time of the study a design mix of manoeuvres was not available for the
CH-53.

The design mix of manoeuvres for the Lynx and BO-105 are similar and are in turn
similar to published design spectra 15 . Unlike the Sea King manoeuvre mix, that for Lynx,
listed in Table 3, is for an average sortie. The 43 flight conditions defining this
average sortie are listed in terms of percentage time spent in a manoerVre and
occurrences per hour for infrequent flight conditions.

The Sea King mix of manoeuvres was used to develop the Sea King spectrum for
comparison with the overall loading spectrum of CII-53 (section 4.7) while the Lynx mix of
manoeuvres was used to develop the BO-105 spectrum for comparison with the overall load-
ing spectrum of Lynx (section 4.10).

4.5 Sea King blade loads

During the Sea King main rotor flight test stress histories for a number of
locations on the rotor were recorded to aid the fatigue substantiation. The area of the
rotor of interest to the current study was at about half rotor radius, where in an
articulated rotor system the maximum flapwise bending moment occurs, on the lower surface
of the blade which is generally under tensile load.

Stress histories were available for the lower rear corner of the blade spar at
55.9% rotor radius for most of the manoeuvres describing a Sea King sortie (see Table 2).
These stress histories were analysed with a range-mean pairs counting method by Westland
Helicopters Ltd (WHL) to form for each manoeuvre a mean-alternating stress matrix. An
example of a stress matrix is illustrated in Fig 3 for normal approach to hover, one of
the manoeuvres thaz produces the severest loading. The mean stresses include a contri-
bution due to centrifugal force. As i, range-mean pairs counting method was used to
analyse the stress histories, the counts recorded in the matrix are whole stress cycles.
For each matrix the flight time analysed varied but was generally around 5 s. Examina-
tion of two matrices for the same manoeuvre did indicate a considerable variation in the
number and magnitude of stress cycles in the matrix and therefore for each manoeuvre the
matrix considered most damaging was used in the study.

At the time the Sea King transport spectrum was constructed for comparison with the
CH-53 transport spectrum stress matrices were not available for take-off, forward flight
at 20 kn, 30 kn and 40 kn, recovery from rearw.ards flight, descent, spot turns and
landing. Examination of the peak loading in flight suggested that take-off, forward
flight at 20 kn and 40 kn, and landing could be simulated by sideways flight to star-
board, forward flight at 30 kn by forward flight at 113 kn, recovery from rearwards
flight by recovery from sideways flight to starboard, descent by forward flight at 103 kn,
spot turns by rearwards flight. In the final stages of defining the standard loading
matrices were available for all the manoeuvres except descent which, based on recent WHL
experienoe, could bs simulated by 60 kn forward flight. This latest data confirmed the
validity of the assumptions made earlier in the comparison of the two spectra.

4.6 CH-53 blade loads

To determine tatigue load spectra for German Air Force usage of CH-53 helicopters,
in-flight measurements of zrrain were recorded for a number of simulated sorties. The
strains were measured a; the lower rear corner of the blade spar at about half rotor
radius, a position compatible with the Sea King measurements. Out of a total of
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26 flights flown nine flight records were analysed using a range pairs counting method.
Five of these nine flights were Transport sorties and the remainder Training sorties.
Only overall loading spectra could be determined from the flight records because the
transition from one manoeuvre to another could not be accurately determined, making an
analysis on a manoeuvre-by-manoeuvre basis difficult. The spectra for the five Transport
and four Training sorties are illustrated in Figs 4 and 5 respectively. For ease of
presentation the mean stress of the cycles has been ignored. In addition to the indi-
vidual flight spectra, mean spectra for transport and training are illustrated.

4.7 Comparison of CH-53 and Sea King spectra

Spectra for both CH-53 and Sea King performing a transport role were compared to
assess the simi.larity of spectra from two different articulated rotor aircraft. The
CH-53 data had been collected in the form of an overall spectrum describing the transport
role (see section 4.6) but the spectrum for the Sea King in the transport role had to be
synthesised from the loads in individual manoeuvres combined in the appropriate ratio for
a transport role.

The initial step in the synthesis of the Sea King transport spectrum was to reduce
the number of counting intervals for the stress amplitudes so, for example, counts of
cycles between stress amplitudes of 17.2 MPa to 18.95 MPa and 18.95 MPa to 20.7 MPa were
all counted in the interval of 17.2 MPa to 20.7 MPa (see Fig 3). Then assuming that

n = number of cycles counted between stress amplitudes aal and aa2 at a mean
stress of am in matrix analysis time of t hours;

Sp = proportion of time a manoeuvre occupies in the transport role;

k = number of manoeuvres in transport role;

N = number of cycles per hour between aal and Oa2 at a mean stress of am in
the transport role; then

N i=kz..
The result of this analysis is presented in Fig 6 in the form of a mean-alternating
stress matrix. Development of this spectrum includes the assumptions discussed in
section 4.5 on the loads in manoeuvres for which data were unavailable. The large number
of cycles in the lowest stress amplitude counting interval in Fig 6 were a result of
loads accumulating at frequencies higher than fundamental. Counts in the other intervals
indicate that the higher strass amplitudes accumulate at less than or about the funda-
mental frequency of one rotor revolution. Aside from the counts in the lowest counting
interval the majority of the cycles occur at mean stresses between 75.8 MPa and 82.7 MPa
and it was therefore considered reasonable that for this comparative exercise all the
stress cycles in the Sea King spectrum could be taken to be at one mean stress.

The CH-53 and Sea King spectra are presented in Fig 7 in which variations of mean
stress have been ignored to ease comparison. Fig 7 reveals that both spectra have the
characteristic shape reported in the literature16 for helicopter spectra and despite the
different data sources, aircraft weights, usage, number of rotor blades and the fact that
the Sea King spectrum was synthesised the spectra compare favourably even in the high
stress region, particularly important to blade fatigue life. The severity of the two
spectra can be judged by comparing them with the constant amplitude fatigue limit of a
titanium alloy indicated in Fig 7.

The favourable comparison of the CH-53 and Sea King spectra for the transport role
led to the conclusion that a standard loading sequence for an articulated rotor could be
dafined and that data from both Sea King and CH-53 could be used in its synthesis.

4.8 B0-105 blade loads

An instrumented B0-105 was flown to the pattern of manoeuvres that describe the
design mix of manoeuvres discussed in section 5. Strains were measured on the lower sur-
face of the blade root, the most highly stressed region, for each of these manoeuvres.
The flight record of a single flight was analysed by the rainflow counting technique
(generally equivalent to range-mean pairs counting) to form mean-alternating strain
spectra for each manoeuvre. The counts of cycles in each mean-alternating strain inter-
val were factored to account for the duration of the manoeuvre in the design mix of
manoeuvres. Summation of the individual spectra for the manoeuvres would then result in
a spectrum for the design mix of manoeuvres. An example of a mean-alternating strain
diagram for a longitudinal control reversal in autorotation, the most severe manoeuvre in
the spectrum, is illustrated in Fig 8.

4.9 Lynx rotor loading

Mean and vibratory flap bending moments at the root of the inner flexible element
of the Lynx main rotor hub, 3.4% rotor radius, had been estimated for the fatigue
substantiation programme. At this location, the critical rotor section for the Lynx, the
loading caused by lag is not significant. These flap bending moments were estimated so

--..
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as to describe the average sortie (see Table 3) rather than the loading caused by
individual manoeuvres. The flap bending moments were converted to mean and alternating
strains for the lower surface of the inner flexible element and the resulting spectrum is
presented in Fig 9. The contribution of the centrifugal load is included in the mean
strain. For completeness cycles which accumulate once per flight and are therefore not
dependent on flight time have also been included in Fig 9. The cycle counting method was
again range-mean pairs and the cycles recorded in Fig 9 are therefore whole strain cycles.
4.10 Comparison of BO-105 and Lynx spectra

The spectra for BO-105 and Lynx were compared to assess the similarity of spectra
for two different semi-rigid rotor helicopters.

Summation of the mean-alternating strain matrices of the individual manoepvres for
BO-105 results in a spectrum for the same mix of manoeuvres used to define the Lynx
spectrum. The results of this analysis are illustrated in Fig 10. Comparison of Fig 9,
the Lynx spectrum, with Fig 10 reveals some similarity. The majority of cycles in both
spectra occur at tensile mean strains, a result of the contribution of the centrifugal
load. In the Lynx spectrum, however, many cycles have compressive mean strains and
while most of the large amplitude cycles occur about similar mean strains in the BO-105
spectrum in the Lynx spectrum the mean strain varies significantly. One reason for thib
is the inclusion of the once per flight cycles in the Lynx spectrum.

To further the assessment of spectra similarity the data presented in Figs 9 anO 0
has been replotted in terms of alternating strain versus number of cycles in Fig 11.
mean strains of the cycles have been ignored, as they were for the CH-53 and Sea Ki',c,
spectra comparison, and the once per flight cycles have been omitted from Fig 11.
Examination of Fig 11 reveals that the characteristic S-shape, observed for the CH-33 and
Sea King spectra, is for both spectra not so evident, the cumulative number of cycle,
increasing more smoothly with reducing strain amplitude. The Lynx spectrum differs in
severity from the BO-105 spectrum because of the different materials used in rotor
construction. At the critical section for the BO-105, the blade root, the materiaJ is
glass reinforced plastic while at the critical section for Lynx, the inner flexibl-
element, the material is titanium. Division of the strain amplitudes of the Lynx spic-
trum by a simple factor of 2.1 makes the spectra for both aircraft more comparable as can
be seen from Fig 11. While the spectra compare favourably in the strain amplitude region
of 500 to 900 Vc there is little correspondence between the spectra in higher strain
regions of parcicular importance to fatigue damage.

A certain amount of disparity of this type between the two spectra was expected
because the Lynx spectrum is a calculated design spectrum while that for the B0-105 is a
flight test spectrum from one sample flight. It is unfortunate that the spectra disagree
at the end of the spectra which is of major importance to fatigue damage. Development of
the loading standard for the semi-rigid rotor, Felix, is continuing with a detail6d
examination of the loading data for both helicopters and therefore a complete definition
of Felix in this Report has not been possible.

5 DISCUSSION OF THE METHOD OF GENERATING THE LOADING STANDARDS

Previous sections in this Report have discussed data that can define the loading
seen by a helicopter rotor but little consideration has been given to how this data can
be formed into a loading history. The objective of this section is to discuss the
reasoning behind the choice of the generating method.

In defining a standard load history factors other than the available data have to
be considered. The most important consideration is that the standard must represent in a
reasonable manner the typical usage of the aircraft taking into account the limitations
that exist in the data from which the standard is defined. Secondly it must be possible
to include the standard in computer programs that control fatigue testing machines. Many
mini-computers used for controlling fatigue tests do not have a large available storage
capacity and the storage requirements of the standard must therefore be minimised. It is
interesting to note, however, that the development and use of computers in fatigue test
control has oeen accelerated by thB development of standard loadings. Finally the
definition of the standard should not be oriented towards one computer or system type
although past experience has shown that a FORTRAN program definition of a standard gains
the widest acceptability. With the above factors in mind the method of generation can be
considered.

Two major alternative methods of generating the standards were considered. The
first method generates the loading from mean-alternating load matrices for sorties, using
random draw techniques, thereby losing the separate identity of manoeuvres. This is
similar in concept to the well documented 17 methods of generating TWIST and FALSTAFF
loadings. The second method defines sorties by fixed logical seqzences of manoeuvres
thereby retaining the identity of manoeuvres and some sense to the order of load applica-
tion during flight. This latter method of generation was used for helicopter loading
sequences by Crichlow et all in 1972. For either generation method an average sortie
could be formed to simulate the frur sorties defined in section 4.2 or they could be
simulated on an individual basis and single or a number of flight lengths for each sortie
simulated. The sequence of sorties could be defined by a random draw algorithm or a pre-
determined sequence.
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The method chosen to generate the loading standards was that using logical sequences
of manoeuvres to define each sortie, three flight lengths for each sortie and pre-
determined sequences of loads in a manoeuvre and sequence of sorties because of the
following considerations.

(a) The reason for choosing to define sorties by logical sequences of manoeuvres was
that this method would simulate more accurately the complex load interactions that
influence fatigue life. A criticism of the loading standard for fighter fixed-wing air-
craft is that all logical sequence of in-flight loading has been lost.

(b) Variation of the flight lengths of a sortie was chosen because of the need to
represent accurately the position in the loadiig sequence of the transition from the
ground condition to level flight. This transition combined with the peak loading in
flight form the once per flight load cycles which can cause major amounts of fatigue
damage. The decision to simulate three flight lengths is a result of considering the -ost
infrequent flight length for the sorties and is discussed in Appendix B.

(c) Simulation of four separate sorties was chosen ir preference to one average sortie
because of the importance attached to realistic modelling of the complex load interactions
that affect fatigue life. The loading varies significantly from sortie to sortie as dis-
cussed in section 4.4.

(d) Pre-determined sequences of loads in a manoeuvre and sequence of sorties were chosen
in preference to random draw algorithms because in the opinion of the authors the imple-
mentation of random draw algorithms in a computer program controlling fatigue machines
creates unnecessary problems. It is interesting that although FALSTAFF is defined by
random draw algorithms, in many laboratories FALSTAFF loading is stored in the computer as
the individual loading cycles that make the FALSTAFF sequence.

(e) Finally this generation method results in a loading sequence of no greater length
than that produced by the random draw technique which has no logical sequence of
manoeuvres. This is because the length of sequence is determined by the need to simulate
the most infrequent sortie length. It does, however, require more detailed information to
describe the sorties but this has not led to excessive computer storage requirements as
will be seen in section 7.2.

The general plan for generating the loading standards discussed above is used in the
next section to turn the data described in section 4 into the loading standard for articu-
lated rotors, Helix. The loading standard for semi-rigid rotors, Felix, is similar in
that the same sortie sequence and flight durations will be used and similar sequences of
manoeuvres for each sortie will be defined. The load matrices and sequence of loads for
each manoeuvre will be different to that of Helix but more work is required to define
these parts of Feli:- as discussed in section 4.10.

6 DEFINITION OF THE LOADING STANDARDS HELIX AND FELIX

6.1 Sequence of sorties

An analysis of the length of sortie sequence required to represent the most
infrequent flight duration using the mix of sorties for all aircraft, discussed .*n
section 4.2 and flight durations of Sea King, discussed in section 4.3 is present-ad in
Appendix B. The results of this analysis indicate that the sequence of sorties should be
140 flights long with a mixture of flight durations of 0.75, 2.25 and 3.75 h for each
sortie. The sequence in which the 140 flights are applied in Helix and Felix, created by
a once and for all random draw, is listed in Table 4. A summary of the results of the
analysis in Appendix B is given in Table 5 which lists the number of flights of each
duration for each of the four sorties that are required to achieve the correct mission
mix. The 140 flights simulate 190.5 h of flight; 63.75 h in the Training role, 92.25 h
of Transport, 18 h of ASW and 16.5 h of SAR.

6.2 Loads in Helix manoeuvres

The generation technique requires the definition of loading patterns for
individual manoeuvres. The comparison of overall loading spectra of CH-53 and Sea King
had demonstrated not only similarity between the spectra but that the spectra could be
synthesised from manoeuvres. Loading patterns for individual manoeuvres were only avail-
able for Sea King but It was considered reasonable to base Helix or Sea King data because
of the success of the above comparison.

Representation of all the loads in the Sea King spectrum would 'e difficult because
of the numbers of small amplitude loads. In an attempt to obtain a compromise between a
representative simulation of the loading and short testing times, stress amplitudes below
20.7 MPa have been omitted (see Fig 7). Examination of the mean-alternating stress
matrices for individual manoeuvres suggested that a single mean stress for each manoeuvre
was adequate as the majority of the large amplitude cycles occurred at similar mean
stresses (see Fig 3). An average mean stress for each manoeuvre was estimated and counts
of cycles in the same stress amplitude counting interval were summed. The counting
interval for the stress amplitudes were doubled to the same values used in the comparison
of the CH-53 and Sea King spectra (see section 4.7). The cycles recorded for a manoeuvre
were then taken to be equal in amplitude to the mid point of the upper and lower bounds
of the counting interval, eg a count in the interval 48.3 MPa to 51.7 MPa became a stress
cycle of 50.0 Y±Pa in amplitude.



The results of the above analysis are listed in Table 6 which defines what are
termed the standard load matrices for Helix manoeuvres. For each man6euvre the mean
stress, number of cycles at each stress amplitude and the matrix analysis time are
listed. The number of cycles in each manoeuvre has been reduced by dividing 1y the high-
est common factoz and the matrix analysis time adjusted likewise. The 20.7 MPa omission
level has resulted in no loadiPy being attributed to hover. Hover could be represented
by periods of steady load, dwell periods, but current practice for loading sequences for
fixed-wing aircraft is to omit dwell periods although their omission has been found to be
both detrimental and beneficial to fatigue lifelE. The conclusion was reached that dwell
periods associated with hover would be omitted in Helix because of the already lengthy
testing time for helicopter components but the influence of dwells in loading close to
the constant amplitude fatigue limit should be investigated. For completeness hover has
still been included in the flight descriptions.

6.3 Sequence of loads in a Helix manoeuvre

To aid presentation of the sequence of loads in a manoeuvre and their inclusion in
a computer program the mean and alternating stress amplitudes in Table 6 have been non-
dimensionalised in Table 7.

A sequence of loads has been defined for each manoeuvre in a once and for all
random selection because an examination of helicopter flight load traces revealed the
peak loading to be random. The sequence of loads in the Helix manoeuvres is listed in
Table 8. In each matrix in the Table the first element is alwayA the non-dimensionalised
equivalent of the mean stress. For example in manoeuvre one, tak&-off, the first element
contains 31, which from Table 7 translates to a mean stress of 53.4 :Pa. The second and
third elements contain the numbers 13 and 15 respectively, which means that the stress
sequence equivalent to +13, -13, +15, -15 is applied about the mean stress. In all
manoeuvres the whole cycles are always applied as positive then negative going loads. The
flying time simulated by the sequences ,f ioads in Table 8 is the matrix flight time (see
Table 6) of each manoeuvre. To simulate flight time in a manoeuvre in excess of the
matrix flight time the sequences of loads in Table 8 are repeated.

6.4 Sequence of manoeuvres in a sortie

Describing a sortie by a logical sequence of manoeuvres is a technique that has
been uced previously1 . The lack of operational statistics describing the sequences of
manoeuvres in a sortie resulted in the sequence being compiled by common-sense
consideration of the flight profile and the objective of the sortie. In the simplest
case the above approach says for example that the helicopter cannot perform a bank turn
without first having taken off. The above approach has been used to develop the
sequences of manoeuvres irt the four sorties of Helix and Felix. The sequences of
manoeuvres that define the 3.75 h Training, Transport, ASW and SAR sorties are listed in
Tables 9, 10, 11 and 12 respectively. In these Tables the position of the manoeuvres in
the flight is numbered, tlhe name and number of the manoeuvre, time occupied by the
manoeuvre and number of applications of the standard load sequence for the manoeuvre are
listed. Although hover does no; generate any significant loading, see previous section,
it had to be included in the flight 6escription to achieve the correct mix of manoeuvres
in 3.75 h. During the formulation of the ASW sortie it was found that, to represent
accurately the mix of manoeuvres while simulating a reasonable number of sonar dunk
operations, a sequence of nearly 500 manoeuvres was required. To simplify the descrip-
tion of the ASW sortie the portion of the flight where a sonar buoy is deployed has been
standardised to 16 manoeuvres and referenced by manoeuvre number 25, the combined
manoeuvre. The order of application, time in the manoeuvres and matrix applications for
the individual manoeuvres that simulate this combined manoeuvre are listed in Table 13.
The time spent in hover varies for each sonar dunk.

Tables 9 to 13 have been compiled by considering the general pattern of flying that
the sequence of manoeuvres must represent in each sortie as follows.

(a) Training

This was the most difficult sortie to describe because of the wide-ranging
operations that are flown. The assumption was made, however, that this sortie should
simulate the essential aspects of flight needed to perform the other sorties. In
addition a pure training exercise in which the helicopter is performing manoeuvres to
demonstrate the handling characteristics was simulated.

(b) Transport

This sortie represents take-off and low-speed manoeuvres away from the terminal
area, flight at cruising speed while manoeuvring to take into account terrain and air-
traffic-control restrictions and finally low-speed manoeuvres and landing in the terminal
area.

(c) ASW

In this sortie, apart from the requirement to move to and from the base area, the
helicopter repeatedly decelerates to allow deployment of a sonar buoy and accelerates to
move to a new search area.
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(d) SAR

The essential part of this sortie is the flying of low-speed manoeuvres to execute
a rescue.

To define the 0.75.h and 2.25 h flights it was considered reasonable to firstly
define the 3.75 h flights and then to take fractions of these flights for the other
durations because the percentage times spent in a manoeuvre (section 4.4, Table 2) are
only applicable for flight durations between 3 h to 4 h. The adoption of this technique
resulted in only one sequence of manoeuvres being defined for each sortie and the common-
sense result that, for example, landing and take-off phases of flight were independent of
total sortie time. Consider the altitude-time profile that might be generated by the
sequence of manoeuvres that define a 3.75 h transport flight as illustrated in Fig 12a.
In the sequence of manoeuvres, Tables 9 to 12, what are termed flight markers are
included; a 0.75 h and 2.25 h flight marker and a landing sequence mark'er. An example of
their position in the 3.75 h flight is indicated in Fig 12a. To simulate a 2.25 h flight
all the manoeuvres from take-off to the 2.25 h flight marker are applied followed by all
the manoeuvres between the landing sequence marker and the end of the flight. The resul-
ting altitude-time profile is illustrated in Fig 12b and the result of simulating a 0.75 h
flight in Fig 12c. The process described above was used for Training, Transport and ASW
sorties but additional markers were required in the SAR sortie because of the search and
rescue operation performed at about mid-sortie. Fig 13a illustrates an altitude-time
profile that might be generated by the sequence of manoeuvres that define the 3.75 h SAR
sortie. For each of the intermediate flight durations there are now two flight markers
and a SAR marker as well as a landing sequence marker. To simulate a 2.25 h flight ll
the manoeuvres, from take-off to the first 2.25 h marker, are applied, then all the
manoeuvres between the SAR marker and the second 2.25 h marker and finally all the
manoeuvres between the landing sequence marker and the end of flight. The resulting
altitude-time profile is illustrated in Fig 13b and the result of simulating a 0.75 h
flight in Fig 13c. The markers described above are positioned in the sequence of
manoeuvres for each sortie such that not only is the required flight time simulated
exactly but continuity of flight is maintained. As discussed in Appendix C for program-
ming convenience the 0.75 h and 2.25 h flight markers are given position numbers and
called manoeuvre types -1 and -2 respectively while the landing sequence markers and SAR
marker are not given position or identification numbers.

The loading in each of the manoeuvres has only been defined for the flying zimes
listed in Table 6 and therefore the time spent in a manoeuvre in the sorties musz be an
integer number of times the standard flying time in Table 6. The total time in a
manoeuvre for a sortie had to be slightly modified to allow an exact number of manoeuvre
load sequences to be applied, The results of these modifications are in Table 14 where
the exact time in a manoeuvre for a 3.75 h sortie is listed along with the tjn',i that are
exactly divisible by the standard flying time. No times are given for train-I), recnuse
this sortie has been defined without an initial estimate of the manoeuvre mix.

6.5 Ground load

The final item of information that completes the definition of 11eli% s the stress
induced in the blade by the action of its own weight when the helicopter is on the
ground and the rotor stationary, At the lower rear corner of the blade spar at about
half rotor radius this has been measured as -27 MPa or in non-dimensional Uelix units as
a stress level of -16. To simulate the ground coiriition after the final rianoeuvre in
each flight the stress is lowered to a level of -16.

6.6 Example of Helix load-time history

Illustrated in Fig 14 is the load-time history for the start -' the Training sortie
in Helix. The manoeuvres that create the loading are indicated in tie Figure with the
relevant part of the load-time history.

7 DISCUSSION

7.1 Limitations in the data base used in tl~e formulation of the loading stancards

It is considered that the best use of the available data nas been made in defining
the loading standard for articulated rotors, Helix and in progressing towards the
definition of the loading standard for rigid rotors, Felix. The limited availability of
recorded operational data on Service usage of helicopters has, however, led to some
assumptions being made, and noted in the previous sections, regarding the usage and
loading conditions experienced by the helicopters in this study. Much of the data was
based on design assumptions and limited flight trials which, in particular, has led to
difficulties Lhat have result6d in Felix not being fully defined. The operational data
that has been used in the study such as sortie mixes and flight durations are descriptions
of past usage which may not reflect the pattern of usage in the future. The rapid changes
that occur in helicopter usage 19 may render some of the assumptions in the loading
standards invalid. The development of any loading spectrum requires an assessment of
which infrequently-occurring events should be included. Extensive research 2 0 has been
conducted on fixed-wing aircraft to decide, f)r example, the magnitude of the load that
the aircraft may encounter only ten times in its service life. At the present time this
type of research for helicopters is limited and research into infrequently-occurring
events is necessary to assess the validity of the loading standards,
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7.2 Inclusion of the loading standards in a computer program controlling a fatigue
machine

Although only the loading sequence for Helix has been fully defined the generation
method for Felix will be essentially the same. The description of the sorties by man-
oeuvres has been supplied in full to allow an assessment of the-basis of the generation
method but for a computer program it is only necessary to store the sequence of sorties,
Table 4, the sequence of loads in each manoeuvre, Table 8, and finally the manoeuvre
type and number of times the manoeuvre load sequence is repeated for each o. the four
sorties, Tables 9 to 12.

A FORTRAN program to generate Helix and Felix is under development and some guide-
lines for the program are discussed in Appendix C but Helix has teen incorporated in an
RAE utility computer program21 that ccntrols three independent fatigue machines. The
utility program generates constant amplitude, flight-by-flight block, TWIST and FALSTAFF
loading and can apply fixed sequences of peaks and troughs either stored in the computer
or held on magnetic tape. Helix tierefore had to be incorporated into the current
structure of the program but storage of the data and generation algorithm required only
1K of 12-bit words.

7.3 Future work

The work reported here is not completed and the collaborative programme to define
the standard load sequences is continuing. There are a number of areas requiring further
research before the final loading standards are agreed betwee;, the contributing
organisations and before their usefulness can be fully assesed.

The following items are examples of the research required.

(a) The Icading data for Lynx and BO-105 have to be assessed further for compatability
and applicability before defining Felix.

(b) Inclusion of the semi-rigid rotor loading pattern into the Helix generation method
has to be implemented without greatly increasing the data storage requirements.

(c) A standard FORTRAN computer program to generate the loading sequences needs to be
defined.

(d) The loading standards have to be compared with conventional methods of evaluation
testing to assess the suitability of using flight simulation loading for the fatigue
evaluation of helicopter components. As part of this study the influence of infrequently
occurring events on fatigue life should be assessed and an attempt made to reduce the
number of cycleu included in the standards that are below the constant amplitude fatigue
limit as has been done for TWXST 22 to create MINITWIST.

It is intended that at the completion of the study that a joint LBF, IABG, MBB,
NLR and RAE report will be issued describing the whole project.

8 CONCLUSIONS

%a) A favourable com;arison between two articulated rotor helicopter spectra has
A• enabled the definition of Helix, a standard loading sequeiice for the fatigue evaluation

of arti,•ulated rotor components.

(b) Spectra for two semi-rigid rotor helicopters were compared and found to differ
substantially in the high strain region which is of major importance to fatigue damage.
Research is continuing on the definition of Felix, a standard loading sequence for semi-
rigid rotors.

(c) The algorithm that generates Helix is easily programmed and in combination with
data storage requirements occupies a small amount of core store in a mini-computer.



I lIS-i l

Table 1

PERCENTAGE TIME IN TRAINING, TRANSPORT, ASW AND SAR SORTIES
FOR UK SERVICE USAGE

Percentage time in sortie
Sortie

All aircraft Sea King

Training 33.0 22.3

Transport 48.5 25.3
ASW 9.0 49.1

SAR 9.5 3.3

Table 2

RIX OF MANOEUVRES IN SEA KING TRANSPORT, ASW AND SAR SORTIES

Percentage time per hour
Number Manobuvre description

Transport ASW SAR

I Take-off 0.34 0.12 0.27

2 Forward flight 20 kn 0.40 2.79 0.23

3 Forward flight 30 kn 0.40 2.79 0.23

4 Forward flight 40 kn 0.40 2.79 0.23

5 Forward flight 60 ki 8.49 5.99 25.92

6 Forward flight VN0 103 kn 81.79 35.90 64.82

7 Maximum power climb 70 kn 0.57 1.20 0.44

8 Shallow approach to hover 0.17 - -

9 Normal approach to hover - 1.40 0.08
10 Hover 2.83 33.01 4.85
11 Pank turn port 300 VN0- 0.79 5.51 0.45

12 Bank turn starboard 30 V1j 0.79 5.51 0.45
13 Sideways flight to port 20 An 0.28 0.20 0.22
14 Recovery from 13 0.11 0.08 0.09
15 Sideways flight to sta:board 30 kai 0.28 0.20 0.22
16 Recovery from 15 0.11 0.08 0.09
17 Rearwards f~ight 20 kn 0.28 0.20 0.22
18 Recovery from 17 0.11 0.08 0.09
19 Spkt turn port 0.28 0.20 0.22
20 Spot turn starboard 0.28 0.20 0.22
21 Autorotation 0.57 0.40 -
22 Recovery from 21 0.05 0.03 -

23 Descent 0.34 1.20 0.53
24 Landing 0.34 0.12 0.13
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[ Table 3

LYNX DESIGN MISSION MIX

Number Flight description Percentage Number

flight time per hour

1 Rapid increase in rpm and engage clutch S

2 Take-off 5

3 Steady hovering 20

4 Spot turns 10

5 Low speed flight control reversals - longitudinal 2.5

6 Low speed flight control reversals - lateral 2.5

7 Low speed flight control reversals - yaw 2.5

8 Low speed flight control reversals - collective 2.5

9 Rearwards flight 0.5

10 Sideways flight port 0.5

11 Sideways flight starboard 0.5

12 Forward flight 0.2 VNE 10

13 Forward flight 0.4 VNE 5.4

14 Forward flight 0.6 VNE 6.3

15 Forward flight 0.8 VNE 11.7

16 Forward flight 0.9 VNE (VNO) 18

17 Forward flight 1.0 VNE 2.7
18 Forward flight 1.1 VNE 1.0

19 Cruise turn 0.4 VNE 0.6

20 Cruise turn 0.6 VNE 0.7

21 Cruise turn 0.8 VNE 1.3

22 Cruise turn 0.9 VNE 2.0

23 Cruise turn 1.0 VNE 0.3

24 Transition from hover 7

25 Maximum power climb 70 kn 4

26 High-speed flight control reversals *- longitudinal 2.7

27 High-speed flight control reversals - lateral 2.7

28 High-speed flight control reversals - yaw 2.7

29 High-speed flight control reversals - collective 2.5

30 Descent 7

31 Transition to hover 7

32 Flare 7

33 Entry into autorotation 0.4

34 Recovery from autorotation 0.4

35 Steady flight a-' :orotation 2.5

36 Control reversals in autorotation - longitudinal 0.1

37 Control reversals in autorotation - lateral 0.1

38 Control reversals in autorotation - yaw 0.1

39 CoZlective pull up in autorotation 0.4

40 Right turn in autorotaf'.on 0.2

41 Left turn in antorotation 0.2

42 single engine flight 3.0

43 Landings 5

~~p...... ..........---* -* -- ..-.-......

'*1 1 ....... I
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Table 4

SEQUENCE OF SORTIES FOR 140 FLIGHT SEQUENCES OF HELIX AND FELIX

21, 11, 43, 11, 21, 12, 22, 11, 11, 21, 21, 21, 23, 42, 23, 21, 12, 11, 21, 22, 11,

42, 22, 21, 32, 21, 11, 22, 32, 22, 11, 31, 21, 22, 11, 11, 42, 42, 21, 21, 33, 12,

31, 22, 22, 11, 11, 11, 11, 11, 21, 21, 11, 41, 11, 12, 22, 22, 22, 11, 21, 11, 21,

11, 21, 21, 21, 21, 11, 11, 22, 21, 21, 21, 11, 21, 11, 12, 12, 21, 11, 11, 22, 11,

41, 21, 11, 11, 11, 23, 11, 21, 11, 21, 11, 21, 11, 22, 32, 23, 11, 12, 22, 22, 23,

12, 21, 11, 22, 11, 11, 41, 33, 22, 32, 21, 11, 21, 21, 22, 21, 21, 12, 21, 11, 21,

21, 13, 11, 11, 12, 11, 11, 11, 41, 11, 22, 11, 41, 12.

Key: Training - 10

Transport - 20
ASW - 30
SAR - 40

Shortest flight duration - 1 (0.75 hour)
Middle flight duration - 2 (2.25 hours)
Longest flight duration - 3 (3.75 hours)

therefore 23 is a transport flight of the longest duration

Table 5

NUMBER OF FLIGHTS OF EACH SORTIE FOR THE THREE
FLIGHT DURATIONS IN HELIX AND FELIX

Flight Number of flights
duration

(h) Training Transport ASW SAR

0.75 47 38 2 5

2.25 11 20 4 4

3.75 1 5 2 1

J*

Ijjý a
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Table 6

LOAD MATRICES FOR HELIX

Alternating stresst a r 22.4 25.9 29.3 32.8 36.2 39.6 43.1

Flight Mean
No. Manoeuvre time stress Number of cycles

s MPa

1 Take-off 6 53.4 1 1 - - - -

2 Forward flight 20 kn 4 88.9 12 1 - - - - .

3 Forward flight 30 kn 6 87.4 - - 12 1 1 -. . .

4 Forward flight 40 kn 4 74.1 - 4 9 1 - -. .

5 Forward flight 60 kn 4 77.8 - 11 2 - - -.

6 Forward flight 103 kn 5 82.3 1 1 4 10 2 - - -

7 Mam pover climb 70 kn 3 84.5 1 - - - - -

8 Shallow approach to
hover 5 73.0 9 3 5 4 2 8 2 2

9 Normal approach to
hovar 4 75.8 5 6 2 2 2 3 5 - 1

10 Hover - - - - - - - - -

11 Bank turn port 30 V0 6 87.6 - - 1 5 15 1 - - -
VNO

12 Bank turn starboard VNO 5 84.7 - - 1 7 9 1 - - -

13 Sideways flight port

30 kn 4 68.4 2 1 - - - - -

14 Recovery from 13 5 63.9 7 4 5 5 4 1 2

15 Sideways flight
starboard 3.5 75.3 1 2 3 2 1 - -.

16 Recovery from 15 5 65.0 7 4 2 3 - 2 4 - 1

17 Rearwards flight 20 kn 2.5 87.9 1 - - - - - -

18 Recovery from 17 6 78.0 3 1 - 2 7 10 1 - -

19 Spot turn port 18 82.9 13 17 8 2 - - -

20 Spot turn starboard 18 86.8 3 - - - - - -

21 Autorotation 5 74.5 17 2

22 Recovery from 21 5 77.8 - - 2 2 8 4 1 - -

23 Descent 5 77.8 - 11 2 - - - -

24 Landing 6 91.4 - 1 3 1 . . . . .
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Table 7

NON-DIMENSIONALISATION OF HELIX LOADS

The original loading data for Helix was expressed in units of lb in -2. The stress
interval for the amplitudes was exactly 0.5 x 103 lb in- 2 . To non-dimensionalise Helix 1
unit has been made equivalent to 0.25 x 103 lb in- 2 . The alternating and mean stresses
are expressed below in terms of MPa, the units used throughout this document.

Conversion tables

2 Mean stress

Stress Units Nearest whole
MPa unit

53.4 31.0 31
1 Alternating stress, 63.9 37.1 37

65.0 37.7 38

Stress 68.4 39.7 40
Mra Units 73.0 42.4 42

74.1 42.9
22.4 13 74.5 43.2

25.9 15 75.3 43.7
29.3 17 75.8 43.9

32.8 19 77A8 45.1 45
36.2 21 78.0 45.3

39.6 23 82.3 47.8 48

43.1 25 82.9 48.1.1
46.5 27 84.5 49.0
50.0 29 84.7 49.1

86.8 50.4 50

87.4 50.7
87.6 50.8 51
87.9 51.0

88.9 51.6 52
91.4 53,0 53

Table 8

SEQUENCE OF LOADS IN EACH FUNDAMENTAL MANOEUVRE MATRIX FOR HELIX

NB First element in matrix is the manoeuvre mean stress

I Take off

2 Forward flight 20 kn

r52T13 113 115 113 13 13 13 13 13 113 T13T 1 1

3 Forward flight 30 kn

51 17 17 17 21 19 17 17 17 17 1"1 17 17 17 17

4 Forward flight 40 kn

43 117 117 117 115 15 15T17 17 19 15 17 H17 -

5 Forward flight 60 kn

4 15 17 115 115 15 15 115 15 15 17 15 15 5
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Table 8 (continued)

6 Forward flight 103 kn

48 119 119 119 19 19 17 15 19 19 19 _19 '17 21 17 17

F9I
7 Maximum power climb 70 kn

8 Shallow approach to hover

I42 1 23i132I I 2i I. 15 1 1 3 19 i i. 27 13,15 23 1 3 2 ,15
175F2j 1T7 7131 23 113 125 113 123 123 119 12'1 17 19 13 9

9 Normal approach to hover

44 13 21 13 15 19 25 15 19 25 21 13 17 5 25 5

29 17 13 23 23 23 13 115 25 15 175

10 Hover

There are no significant loads in the hover manoeuvre

11 Bank turn poyt 300 VNO

5ii1i 21 i21 21 19 21 21 21 21 21 237 21 19 21 1 1

21 21 21 19 19 21 17

12 Bank turn starboard 30° VNO

49 17 123 121 121 119 19 21 21 19 21 21

13 Sideways flight port

14 Recovery from sideways flight to port

3711 9 1 !17 19 15! 3 1 13 25 13T713

17 9 2 1 19 121 13 117 13 17 21 21 1

15 Sideways flight tc starboard

144 117 13 115 17 117 19] 19 21 15

16 Recovery from sideways flight to starboard

F8 25 1" 25 I237 3" 19 29 25 25 15 13 17 13 1

13 119 13 119 115 115 12 3 13

17 Rearwards flight 20 kn

18 Recovery from rearwards flight

45 23 21 23 21 21 19 23 21 21 25 13 13 23 23 15

21 23 21 23 23 23 13 23 1
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Table 8 (concluded)

19 Spot turn port

48 13 15 15 15 13 19 15 17 15 15 19 15 17 17 13

157i 13 15 13 1.5 15 17 13 13 17 13 15 177[175 15]

E :113 13 15 13 13 15 17 1

20 Spot turn starboard

50 1 113 13l
21 Autorotation

42 113 13 13 13 13 13 13 13 13 13 15 13 113 113 1131

22 Recovery from autorotation

45 2 -1 17 21 17 23 25 21 21 19 23 21 21 23 23l

23 Descent

45 117 15 15 155 15 15 1.5 15 15 15 15 17

24 Landing

153 119 J17 117 17 15

Table 9

SEQUENCE OF MANOEUVRES IN A TRAINING SORTIE

Position Manoeuvre Manoeuvre Time in Matrix
number number manoeuvre applications

(s)

I Take-off 1 36 6
2 Forward flight 20 kn 2 12 3
3 Forward flight 30 kn 3 12 2
4 Forward flight 40 kn 4 12 3
5 Forward flight 30 kn 3 18 3
6 Forward flight 20 kn 2 20 5
7 Nornal approach to hover 8 12 3
8 Hover 10 62 0
9 Spot turn port 19 18 1

10 Hover 10 45 0
11 Sideways to starboard 15 14 4
12 Recovery from sideways to starboard 16 10 2
13 Sideways to port 13 16 4
14 Recovery from sideways to port 14 10 2
15 Spot turn starboard 20 18 1
16 Hover 10 25 0
17 Forward flight 20 kn 2 12 3
18 Forward flight 30 kn 3 12 2
19 Forward flight 40 kn 4 12 3
20 Forward flight 60 kn 5 32 8
21 Maximum power climb 70 kn 7 21 7
22 Forward flight 103 kn 6 210 42
23 Bank turn port 11 12 2
24 Bank turn starboard 12 10 2
25 Forward flight 103 kn 6 115 23
26 Bank turn port 11 12 2
27 Forward flight 103 kn 6 350 70
28 Bank turn starboard 12 10 2
29 Forward flight 103 kn 6 260 52
30 Bank turn starboard 12 10 2
31 Forward flight 103 kn 6 175 35
32 Bank turn port 11 12 2
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"Table 9 (continued)

Position Manoeuvre Time in MatrixSPostionManoeuvre
number number manoeuvre applications(s)

33 Forward flight 103 kn 6 315 63
34 Bank turn starboard 12 10 2
35 Forward flight 103 kn 6 105 21

36 Bank turn port 11 12 2
37 Forward flight 103 kn 6 25 5
38 Bank turn starboard 12 10 2
39 Forward flight 103 kn 6 415 83
40 Bank turn port 11 12 2
41 Forward flight 103 kn 6 40 8
42 0.75 hour flight marker -1 - -
43 Bank turn starboard 12 10 2
44 Forward flight 103 kn 6 195 39
45 Descent 23 25 5
46 Forward flight 60 kn 5 32 8
47 Forward flight 40 kn 4 24 6
48 Forward flight 30 kn 3 24 4
49 Forward flight 20 kn 2 24 6
50 Normal approach to hover 9 12 3
51 Hover 10 55 0
52 Forward flight 20 kn 2 12 3
53 Forward flight 30 kn 3 12 2
54 Forward flight 40 kn 4 36 9
55 Forward flight 30 kn 3 24 4
56 Forward flight 20 kn 2 12 3
57 Normal approach to hover 9 12 3
58 Hover 10 45 0
59 Forward flight 20 kn 2 12 3
60 Forward flight 30 kn 3 12 2
61 Forward flight 40 kn 4 40 10
62 Forward flight 30 kn 3 24 4
63 Forward flight 20 kn 2 12 3
64 Normal approach to hover 9 12 3
65 Hover 10 450 0
66 Spot turn port 19 18 ! 1
67 Forward flight 20 kn 2 12 3
68 Forward flight 30 kn 3 12 2
69 Forward flight 40 kn 4 12 3
70 Forward flight 60 kn 5 40 10
71 Maximum power climb 70 kn 7 18 6
72 Forward flight 103 kn 6 35 7
73 Bank turn starboard 12 10 2
74 Forward flight 103 kn 6 65 13
75 Bank turn starboard 12 10 2
76 Forward flight 103 kn 6 215 43
77 Bank turn port 11 12 2
78 Descent 23 25 5
79 Forward flight 60 kn 5 40 10
80 Forward flight 40 kn 4 16 4
81 Forward flight 30 kn 3 18 3
82 Forward flight 20 kn 2 12 3
83 Normal approach to hover 9 12 3
84 Hover 10 159 0
85 Forward flight 20 kn 2 36 9
86 Normal approach to hover 9 12 3
87 Hover 10 530 0
88 Spot turn starboard 20 18 1
89 Rearwards flight 17 10 4
90 Recovery from rearwards flight 18 6 1
91 Forward flight 20 kn 2 12 3
92 Forward flight 30 kn 3 12 2
93 Forward flight 40 kn 4 12 3
94 Forward flight 60 kn 5 48 12
95 Maximum power climb 70 kn 7 18 6
96 Forward flight 103 kn 6 35 7
97 Bank turn starboard 12 10 2
98 Forward flight 103 kn 6 45 9
99 Bank turn starboard 12 10 2

100 Forward flight 103 kn 6 75 Is
101 Bank turn port 11 12 2
102 Forward flight 103 kn 6 225 45
103 Bank turn starboard 12 10 2
104 Forward flight 103 kn 6 15 3
105 Bank turn port 11 12 2
106 Forward flight 103 kn 6 475 95
107 Bank turn port 11 12 2
108 Forward flight 103 kn 6 335 67

4 _
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Table 9 (continued)

Position Manoeuvre Manoeuvre 1 Time in Matrix
number number manoeuvre applications

(s)

109 Bank turn starboard 12 10 2
110 Forward flight 103 kn 6 35 19
ill Bank turn port 11 12 2
112 Forward flight 103 kn 6 15 3
113 Bank turn port 11 12 2
114 Forward flight 103 kn 6 530 106
115 Bank turn starboard 12 10 2
116 Forward flight 103 kn 6 265 53
117 Bank turn starboard 12 10 2
118 Forward flight 103 kn 6 115 23
119 Bank turn port 11 12 2
120 Forward flight 103 kn 6 85 17
121 Bank turn port 11 12 2
122 Forward flight 103 kn 6 315 63
123 Bank turn starboard 12 10 2
124 Forward flight 103 kn 6 50 10
125 2.25 hour flight marker -2 - 0
126 Bank turn starboard 12 10 2
127 Forward flight 103 kn 6 415 83
128 Bank turn port 11 12 2
129 Forward flight 103 kn 6 25 5
130 Bank turn port 11 12 2
131 Forward flight 103 kn 6 15 3
132 Bank turn port 11 12 2
133 Forward flight 103 kn 6 20 4
134 Bank turn starboard 12 10 2
135 Forward flight 103 kn 6 35 7
136 Bank turn port 11 12 2
137 Forward flight 103 kn 6 15 3
138 Bank turn starboard 12 10 2
139 Forward flight 103 kn 6 45 9
140 Bank turn starboard 12 10 2
141 Forward flight 103 kn 6 15 3
142 Bank turn port 11 12 2
143 Forward flight 103 kn 6 490 98
144 Autorotation 21 60 12
145 Recovery from autorotation 22 5 1
146 Forward flight 60 kn 5 164 41
147 Forward flight 40 kn 4 24 6
148 Forward flight 30 kn 3 24 4
149 Forward flight 20 kn 2 12 3
150 Shallow approach to hover 8 10 2
151 Hover 10 116 0
152 Forward flight 20 kn 2 88 22
153 Normal appioach to hover 9 12 3
154 Hover 10 560 0
155 Sideways to port 13 8 2
156 Recovery from sideways to port 14 10 2
157 Rearwards flight 17 15 6
158 Recovery from rearwards flight 18 12 2
159 Spot turn port 19 18 1
!60 Spot turn starboard 20 18 1
161 Hover 10 320 0
162 Sideways to starboard 15 14 4
163 Recovery from sideways to starboard 16 5 1
164 Spot turn port 19 18 1
165 Rearwards flight 17 15 6
166 Recovery from rearwards flight 18 12 2
167 Hover 10 215 0
168 Forward flight 20 kn 2 12 3
169 Forward flight 30 kn 3 12 2
170 Forward f1ight 40 kn 4 12 3
171 1For-sard flight 60 kn 5 48 12
172 Maximum power climb 70 kn 7 12 4
173 Forward flight 103 kn 6 20 4
174 Bank turn starboard 12 10 2
175 Forward flight 103 kn 6 15 3
176 Bank turn port 11 12 2177 Forward flight 103 kn 6 25 5
178 Bank turn port 11 12 2
179 Forward flight 103 kn 6 295 59
180 Bank turn port 11 12 2
181 Forward flight 103 kn 6 465 93
182 Bank turn starboard 12 10 2
183 Forward flight 103 kn 6 155 31
184 Bank turn port i1 12 2
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Table 9 (concluded)

Position Manoeuvre Manoeuvre Time in Matrix
Number number manoeuvre applications

(s)

185 Forward flight 103 kn 6 380 76
186 Bank turn port 11 12 2
187 Forward flight 103 kn 6 15 3
188 Bank turn starboard 12 10 2
189 Forward flight 103 kn 6 10 2
190 Bank turn starboard 12 10 2
191 Forward flight 103 kn 6 55 11
192 Bank turn port 11 12 2
193 Fovward flight 103 kn 6 180 36
194 Bank turn starboard 12 10 2
195 Forward flight 103 kn 6 305 61
196 Bank turn port 11 12 2
197 Forward flight 103 kn 6 320 64

Landing sequence marker - - -
198 Descent 2.? 20 4
199 Forward flight 60 kn 5 24 6
200 Forward flight 40 kn 4 16 4
201 Forward flight 30 kn 3 12 2
202 Forward flight 20 kn 2 16 4
203 Normal approach to hover 9 12 3
204 Hover 10 15 0
205 Spot turn port 19 18 1
206 Landing 24 18 3

Table 10

SEQUENCF OF MANOEUVRES IN TRANSPORT SORTIE

Position Manoeuvre Manoeuvre Time in Matrix
number number manoeuvre applications

(s) I

I Take-off 1 36 6
2 Forward flight 20 kn 2 12 3
3 Forward flight 30 kn 3 12 2
4 Forward flight 40 kn 4 12 3
5 Forward flight 60 kn 5 156 39
6 Maximum power climb 70 kn 7 60 20
7 Forward flight 103 'n 6 980 196
8 Bank turn starboard 12 5 1
9 Forward flight 103 kn 6 170 34

10 Bank turn starboard 12 5 1
11 Forward flight 103 kn 6 130 26
12 0.75 hour flight marker -1 - -
13 Bank turn port 11 6 1
14 Forward flight 103 kn 6 495 99
15 Bank turn port 11 6 1
16 Forward flight *103 kn 6 580 116
17 Bank turn starboard 12 5 1
18 Forward flight 103 kn 6 660 132
19 Bank turn port 11 6 1
20 Forward flight 103 kn 6 165 33
21 Bank turn starboard 12 5 1
22 Forward flight 103 kn 6 295 59
23 Bank turn starboard 12 5 1
24 Forward flight 103 kn § 110 22
25 Bank turn starboard 12 5 1
26 Forward flight 103 kn 6 260 52
27 Bank turn port 11 6 1
28 Forward flight 103 kn 6 60 12
29 Bank turn starboard 12- 5 1
30 Forward flight 103 kn 6 320 64
31 Bank turn starboard 12 5 1
32 Forward flight 103 kn 6 60 12
33 Bank turn port il 6 1
34 Forward flight 103 kn 6 370 74
35 Bank turn port 11 6 1
36 Forward flight 103 kn 6 390 78
37 Bank turn port 11 6 1
38 Forward flight 103 km 6 75 15
39 Bank turn port 11 6 1
40 Forward flight 103 kn 6 50 10

-~~ -- MV
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Table 10 (continued

Positionnumber Manoeuvre Manoeuvre Time in Matrixnumber manoeuvre applications
(s)

41 Bank turn port 11 6 142 Forward flight 103 kn 6 705 14143 Bank turn starboard 12 5 144 Forward flight 103 kn 6 155 31
45 Bank turn port 11 6 146 Forward flight 103 kn 6 175 3547 Bank turn starboard 12 5 148 Forward flight 103 kn 6 375 7549 2.25 hour flight marker -2 -50 Bank turn starboard 12 5 151 Forward flight 103 kn 6 360 7252 Bank turn port 11 6 153 Forward flight 103 kn 6 245 4954 Bank turn starboard 12 5 155 Forward flight 103 kn 6 390 7856 Bank turn starboard 12 5 157 Forward flight 103 kn 6 380 7658 Bank turn starboard 12 5 159 Forward flight 103 kn 6 305 6160 Bank turn starboard 12 5 161 Forward flight 103 kn 6 195 3962 Bank turn starboard 12 5 163 Forward flight 103 kn 6 260 5264 Bank turn port 11 6 165 Forward flight 103 kn 6 250 5066 Bank turn port 11 6 167 Forward flight 103 kn 6 105 2168 Bank turn starboard 12 5 169 Forward flight 103 kn 6 175 3570 Bank turn starboard 12 5 171 Forward flight 103 kn 6 25 572 Bank turn port 11 6 173 Forward flight 103 kn 6 215 4374 Bank turn starboard 12 5 175 Forward flight 103 kn 6 160 3276 Bank turn port 11 6 177 Forward flight 103 kn 6 370 74

78 Bank turn starboard 12 5 1
79 Forward flight 103 kn 6 425 8580 Bank turn port 11 6 181 Forward flight 103 kn 6 25 582 Bank turn port 11 6 183 Forward flight 103 kn 6 360 7284 Bank turn starboard 12 5 185 Forward flight 103 kn 6 125 2586 Bank turn port 11 6 187 Forward flight 103 kn 6 110 2288 Bank turn starboard 12 5 189 Forward flight 103 kn 6 100 2090 Autorotation 21 60 1291 Recovery from autorotation 22 5 192 Descent 23 20 493 Forward flight 60 kn 5 152 3894 Forward flight 40 kn 4 12 395 Forward flight 30 kn 3 12 296 Forward flight 20 kn 2 12 397 Shallow approach to hover 8 15 398 Hover 10 272 0
99 Forward flight 20 kn 2 12 3
900 Forward flight 30 kn 3 12 2101 Forward flight 40 kn 4 12 3

102 Forward flight 60 kn 5 116 29Landing sequence marker - -103 Descent 23 15 3104 Forward flight 60 kn 5 732 183105 Forward flight 40 kn 4 20 5106 Forward flight 30 kn 3 18 3107 Forward flight 20 kn 2 16 4108 Shallow approach to hover 8 10 2109 Hover 10 113.51i0 Sideways to port 13 32 81XI Recovery from sideways to port 14 10 2112 Spot turn to port 19 18 1'13 Rearwards flight 17 30 12114 Recovery from rearwards flight 18 12 2
115 Sideways to starboard 15 31.5 9
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Table 10 (concluded)

Position Manoeuvre Manoeuvre Time in Matrix
number number manoeuvre applications

(s)

116 Recovery from sideways to starboard 16 10 2
117 Spot turn to starboard 20 18 1
118 Landing 24 36 6

Table 11

SEQUENCE OF MANOEUVRES IN ASW SORTIE

Position Manoeuvre Time in Matrix
number Manoeuvre number manoeuvre applications

(s)

Initial transit
1 Take-off 1 18 2
2 Forward flight 20 kn 2 12 3
3 Forward flight 30 kn 3 12 2
4 Forward flight 40 kn 4 12 3
5 Forward fli;ht 60 kn 5 24 6
6 Maximum power climb 70 kn 7 12 4
7 Forward flight 103 kn 6 50 10
8 Bank turn starboard 12 10 2
9 Forward flight 103 kn 6 10 2

10 Bank turn port 11 12 2
11 Forward flight 103 kn 6 35 7
12 Bank turn port 11 12 2
13 Forward flight 103 kn 6 40 8
14 Bank turn starboard 12 10 2
15 Forward flight 103 kn 6 60 12
16 Bank turn port 11 12 2
17 Forward flight 103 kn 6 40 8
18 Bank turn starboard 12 10 2
19 Forward flight 103 kn 6 65 13
20 Bank turn starboard 12 10 2
21 Forward flight 103 kn 6 20 4
22 Bank turn port 11 12 2
23 Forward flight 103 kn 6 40 8
24 Bank turn starboard 12 10 2
25 Forward flight 103 kn 6 45 9
26 Bank turn starboard 12 10 2
27 Forward flight 103 kn 6 40 8
28 Bank turn starboard 12 10 2
29 Forward flight 103 kn 6 35 7

First sonar dunk
30 First combine anoeuvre

(hover time 243 s) 25 452 1
Second sonar dunk

31 Second combined manoeuvre
(hover time 162 s) 25 371 1

Third sonar dunk
32 Third combined manoeuvre

(hover time 101 s) 25 310 1
33 Forward flight 103 kn 6 65 13
34 Bank turn starboard 12 10 2
35 Forward flight 103 kn 6 70 14
36 Bank turn starboard 12 10 2
37 0.75 hour flight marker -1 - -

Fourth sonar dunk
38 Fourth combined manoeuvre

(hover time 296 s) 25 505 1
39 Forward flight 103 kn 6 10 2
40 Bank turn port 11 12 2
41 Forward flight 103 kn 6 60 12
42 Bank turn starboard 12 10 2
43 Forward flight 103 kn 6 65 13
44 Bank turn starboard 12 10 2
45 Forward flight 103 kn 6 45 9
46 Bank turn starboard 12 10 2
47 Forward flight 103 kn 6 45 9
48 Bank turn port 11 12 2
49 Forward flight 103 kn 6 40 8
50 Bank turn port 11 12 2
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Table 11 (continued)i -
Position Manoeuvre Time in Matrix

number Manoeuvre number manoeuvre applications
(s)

Fifth sonar dunk
51 Fifth combined manoeuvre

(hover time 474 s) 25 68352 Forward flight 103 kn 6 45 9
53 Bank turn port II 12 2
54 Forward flight !03 kn 6 20 4
55 Bank turn port 11 12 2
56 Forward flight 103 kn 6 30 6
57 Bank turn port 11 12 2
58 Forward flight 103 kn 6 25 5
59 Bank turn starboard 12 10 2

Sixth sonar dunk
60 Sixth combined manoeuvre

(hover time 373 s) 25 582 1
61 Forward flight 103 kn 6 55 11
62 Bank turn port 11 12 2
63 Forward flight 103 kn 6 40 8
64 Bank turn starboard 12 10 2
65 Forward flight 103 kn 6 25 5
66 Bank turn starboard 12 10 2
67 Forward flight 103 kn 6 55 11
68 Bank turn starboard 12 10 2

Seventh sonar dunk
69 Seventh combined manoeuvre

(hover time 330 s) 25 539 1
70 Forward flight 103 kn 6 45 9
71 Bank turn port 11 12 272 Forward flight 103 kn 6 35 7
73 Bank turn port 11 12 2
74 Forward flight 103 kn 6 35 7
75 Bank turn port 11 12 2
76 Forward flight 103 kn 6 70 14
77 Bank turn port 11 12 2
78 Forward flight 103 kn 6 65 13
79 Bank turn starboard 12 10 2

Eighth sonar dunk
80 Eighth combined manoeuvre

(hover time 419 s) 25 628 1
81 Forward flight 103 kn 6 35 7
82 Bank turn port 11 12 2
83 Forward flight 103 kn 6 35 7
84 Bank turn port 11 12 2
85 Forward flight 103 kn 6 45 9
86 Bank turn starboard 12 10 2
87 Forward flight 103 kn 6 30 6
88 Bank turn starboard 12 10 2
89 Forward flight 103 kn 6 30 6
90 Bank turn port 11 12 2
91 Forward flight 103 kn 6 50 10
92 Bank turn starboard 12 10 2
93 Forward flight 103 kn 6 15 3
94 Bank turn port 11 12 2
95 Forward flight 103 kn 6 60 12
96 Bank turn port 11 12 2

Ninth sonar dunk
97 Ninth combined manoeuvre

(hover ti.me 390 s) 25 599 198 Forward flight 103 kn 6 10 2
99 Bank turn port 11 12 2
100 Forward flight 103 kn 6 10 2
101 Bank turn starboard 12 10 2
102 Forward flight 103 kn 6 75 15
103 Bank turn port 11 12 2
104 Forward flight 103 kn 6 35 7
105 Bank turn starboard 12 10 2
106 Forward flight 103 kn 6 30 6
107 Bank turn starboard 12 10 2
108 Forward flight 103 kn 6 5 1
109 Bank turn starboard 12 10 2
110 Forward flight 103 kn 6 45 9
111 Bank turn starboard 12 10 2
112 Forward flight 103 kn 6 25 5
113 Bank turn port 11 12 2
114 Forward flight 103 kn 6 20 4
115 Bank turn port 11 12 2
116 Forward flight 103 kn 6 40 8
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Table 11 (continued)

MPosition Manoeuvre Time in Matrix

number Manoeuvre number manoeuvre applications
(S)

117 Bank turn starboard 12 10 2

118 Forward flight 103 kn 6 10 2

119 Bank turn port 11 12 2

120 Forward flight 103 kn 6 10 2

121 Bank turn starboard 12 10 2

122 2,25 hour flight marker - - -

Tenth sonar dunk
123 Tenth combined manoeuvre

(hover time 190 s) 25 399 1

124 Forward flight 103 kit 6 70 14

125 Bank turn port 11 12 2

126 Forward flight 103 kn 6 30 6

127 Bank turn starboard 12 10 2

128 Forward flight 103 kn 6 50 10

129 Bank turn starboard 12 10 2

130 Forward flight 103 kn 6 25 5

131 Bank turn port 11 12 2
Eleventh sonar dunk

132 Eleventh combined manoeuvre
(hover time 290 s) 25 499 1

133 Forward flight 103 kn 6 40 8

134 Bank turn port 12 10 2

135 Forward flight 103 kn 6 45 9
136 Bank turn port 11 12 2

137 Forward flight 103 kn 6 30 6

138 Bank turn starboard 12 10 2

139 Forward flight 103 kn 6 35 7
140 Bank turn port 11 12 2

141 Forward flight 103 kn 6 80 16

142 Bank turn starboard 12 10 2

143 Forward flight 103 kn 6 75 15
144 Bank turn port 11 12 2
145 Forward flight 103 kn 6 30 6
146 Bank turn port 11 12 2

Twelfth sonar dunk
147 Twelfth combined manoeuvre

(hover time 207 s) 25 416 1

148 Forward flight 103 kn 6 25 5
149 Bank turn port 11 12 2
150 Forward flight 103 kn 6 35 7
151 Bank turn port 11 12 2
152 Forward flight 103 kn 6 65 13
153 Bank turn starboard 12 10 2
154 Forward flight 103 kn 6 45 9
155 Bank turn starboard 12 10 2
156 Forward flight 103 kn 6 30 6

157 Bank turn port 11 12 2

Thirteenth sonar dunk
158 Thirteenth combined manoeuvre

(hover time 374 s) 25 583 1

159 Forward flight 103 kn 6 55 11

160 Bank turn starboard 12 10 2
161 Forward flight 103 kn 6 15 3
162 Bank turn starboard 12 10 2
163 Forward flight 103 kn 6 20 4
164 Bank turn port 11 12 2
165 Forward flight 103 kn 6 - 1
166 Bank turn port 11 12 2
167 Forward flight 103 kn 6 25 5
168 Bank turn starboard 12 10 2
169 Forward flight 103 kn 6 25 5
170 Bank turn port 11 12 2

171 Forward flight 103 kn 6 35 7
172 Bank turn port 11 12 2
173 Forward flight 103 kn 6 50 10

174 Bank turn starboard 12 10 2

175 Forward flight 103 kn 6 40 8
176 Bank turn port 11 12 2

Fourteenth sonar dunk
177 Fourteenth combined manoeuvre

(hover time 290 s) 25 499 1
178 Forward flight 103 kn 6 5 1
179 Bank turn port 11 6 1

180 Forward flight 103 kn 6 25 5
181 Bank turn starboard 12 10 2
182 Forward flight 103 kn 6 80 16
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Table 11 (concluded)

Position Manoeuvre Time in Matrix
number Manoeuvre number manoeuvre applications

(s)
183 Bank turn port 11 12 2

184 Forward flight 103 kn 6 60 12
185 fank turn port 11 12 2
186 Forward flight 103 kn 6 15 3
187 Bank turn starboard 12 10 2
188 Forward flight 103 kn 6 50 10
169 Bank turn port 11 12 2
190 Forward flight 103 kn 6 40 8
191 Bank turn starboard 12 10 2
192 Forward flight 103 kn 6 50 10
193 Bank turn port 11 12 2
194 Forward flight 103 kn 6 30 6
195 Bank turn port 11 12 2
196 Forward flight 103 kn 6 110 22
197 Bank turn port 11 12 2
198 Forward flight 103 kn 6 30 6
199 Bank turn port 11 12 2
200 Forward flight 103 kn 6 20 4
201 Bank turn port 11 12 2
202 Forward flight 103 kn 6 40 8
203 Bank turn port 11 12 2
204 Forward flight 103 kn 6 20 4
205 Bank turn starboard 12 10 2
206 Forward flight 103 kn 6 30 6
207 Bank turn port 11 12 2
208 Forward flight 103 kn 6 35 7
209 Bank turn port 11 12 2
210 Forward £1ight 103 kn 6 15 3
211 Bank turn starboard 12 10 2
212 Forward flight 103 kn 6 35 7
213 Bank turn port 11 12 2
214 Forward flight 103 kn 6 40 8
215 Bank turn port 11 12 2
216 Forward flight 103 kn 6 EO 12
217 Bank turn starboard 12 10 2
218 Forward flight 103 kn 6 30 6
219 Bank turn starboard 12 10 2
220 Forward flight 103 kn 6 30 6
221 Bank turn port 11 12 2
222 Forward flight 103 kn 6 55 11
223 Bank turn starboard 12 10 2
224 Forward flight 103 kn 6 100 20
225 Bank turn port 11 12 2
226 Forward flight 103 kn 6 20 4
227 Bank turn port 11 12 2
228 Forward flight 103 kn 6 75 I5
229 Bank turn starboard 12 10 2
230 Forward flight 103 kn 6 25 5
231 Bank turn port )1 12 2
232 Forward flight 103 kn 6 55 11
233 Bank turn port 11 12 2
234 Forward flight 103 kn 6 65 13
235 Bank turn port 11 12 2
236 Forward flight 103 kn 6 20 4
237 Bank turn port 11 12 2
238 Forward flight 103 kn 6 60 12
239 Bank turn port 11 12 2
240 Autorctation 21 60 12
241 Recovery from autorotation 22 5 1

Landing sequence marker - - -
242 Descent 23 40 8
243 Forward flight 60 kn 5 108 27
244 Forward flight 40 kn 4 28 7
245 Forward flight 30 kn 3 30 5
246 Forward flight 20 kn 2 28 7
247 Normal approach to hover 9 20 5
248 Hover 10 293.5 0
249 Sideways to port 13 32 8
250 Recovery from sideways to port 14 10 2
251 Spot turn port 19 18 1
252 Rearwards flight 17 30 12
253 Recovery from rearwards flight 18 12 2
254 Sideways to starboard 15 31.5 9255 Recovery from sideways to starboard 16 10 2256 Spot turn starboard 20 18 1
257 Landing 24 18 3
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Table 12

SEQUENCE OF MANOEUVRES IN SAR SORTIE

Position Manoeuvre Manoeuvre Time in Matrix
number number manoeuvre applications

(s)

1 Take-off 1 36 62 Forward flight 20 kn 2 8 2
3 Forward flight 30 kn 3 6
4 Forward flight 40 kn 4 8 2
5 Forward flight 60 kn 5 32 86 Maximum power climb 70 kn 7 30 10
7 Forward flight 103 kn 6 315 638 Bank turn port 11 6 19 Forward flight 193 kn 6 195 39

10 First 0.75 hour flight marker -1 - -
11 Bank turn starboard 12 5 112 Forward flight 103 kn 6 550 110
13 Bank turn port 11 6 114 Forward flight 103 kn 6 320 64
15 Bank turn starboard 12 5 116 Forward flight 103 kn 6 155 3117 Bank turn starboard 12 5 118 Forward flight 103 kn 6 115 23
19 Bank turn starboard 12 5 120 Forward flight 103 kn 6 255 51
21 Bank turn starboard 12 5 122 Forward flight 103 kn 6 300 60
23 Bank turn port 11 6 124 Forward flight 103 kn 6 375 75
25 Bank turn starboard 12 5 126 Forward flight 103 kn 6 605 121
27 Bank turn- starboard 12 5 1
28 Forward flight 103 kn 6 260 52
29 Bank turn port 11 6 1
30 First 2.25 hour flight marker -2 - -
31 Forward flight 103 kn 6 310 6232 Bank turn starboard 12 5 1
33 Forward flight 103 k',a 6 640 128
34 Bank turn starboard 12 5 135 Forward flight 103 !,n 6 250 5036 Descent 23 20 4
37 Forward flight 60 kn 5 2000 500

SAR marker - - -38 Descent 23 20 4
39 Forward flight 60 kn 5 580 14540 Forward flight 40 kn 4 8 2
41 Forward flight 30 kn 3 6 142 Forward flight 20 kn 2 8 2
43 Normal approach tz hzver 9 8 244 Hover 10 600 045 Sideways to port 13 32 846 Recovery from sideways to port 14 10 247 Rearwards flight 17 30 12
48 Recovery from rearwards 18 12 249 Spot turn starboard 20 18 1
50 Forward flight 20 kn 2 8 251 Forward flight 30 kn 3 6 152 Forward flight 40 kn 4 8 2
53 Forward flight 60 kn 5 64 1654 Maximum power climb 70 kn 7 30 10
55 Bank turn port 11 6 156 Forward flight 103 kn 6 390 78
57 Second 0.75 hour flight marker -1 - -58 Bank turn port 11 6 1
59 Forward flight 103 kn 6 680 13660 Bank turn port 11 6 1
61 Forward flight 103 kn 6 230 4662 Bank turn starboard 12 5 163 Forward flight 103 kn 6 355 7164 Bank turn starboard 12 5 1
65 Forward flight 103 kn 6 830 16666 Bank turn starboard 12 5 1
67 Forward flight 103 kn 6 290 5868 Second 2.25 hour flight market -2 - -
69 Bank turn port 11 6 170 Forward flight 103 kn 6 525 105
71 Bank turn port 11 6 172 Forward flight 103 kn 6 415 8373 Bank turn port 11 6 1

_ _ _ ...
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S~ Table 12 (concluded)

Position Manoeuvre Time in Matrix
number Manoeuvre number manoeuvre applications(s)

74 Forward flight 103 kn 6 405 81
75 Descent 23 15 3
76 Forward flight 60 kn 5 792 198

Landing sequence marker - --
77 Descent 23 20 4
78 Forward flight 60 kn 5 32 8
79 Forward flight 40 kn 4 8 2
80 Forward flight 30 kn 3 12 2
81 Forward flight 20 kn 2 8 2
82 Normal approach to hover 9 4 1
83 Hover 10 58.5 0
84 Sideways to starboard 15 31.5 9
85 Recovery from sideways to starboard 16 10 2
86 Spot turn port 19 18 1
87 Landing 24 18 3

Table 13

SEQUENCE OF MANOEUVRES IN COMBINED MANOEUVRE IN ASW SORTIE

Position Ma Manoeuvre I Ti• in Matrix
number anoeuvr number manoeuvre applications

(s)
1 Descent 23 10 2
2 Forward flight 60 kn 5 24 6
3 Forward flight 40 kn 4 12 3
4 Forward flight 30 kn 3 12 2
5 Forward flight 20 kn 2 12 3
6 Normal approach to hover 9 12 3
7 Hover 10 variable none
8 Forward flight 20 kn 2 12 3
9 Forward flight 30 kn 3 12 2

10 Forward flight 40 kn 4 12 3
11 Forward flight 60 kn 5 24 6
12 Maximum power climb 7 12 4
13 Forward tlight 103 kn 6 20 4
14 Bank turn starboard 12 10 2
15 Forward flight 103 kn 6 15 3
16 Bank turn starboard 12 10 2

S
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Table 14

DURATION OF MANOEUVRES IN SORTIES TAKING INTO -ACCOUNT
INDIVIDUAL MANOEUVRE LOAD SEQUENCE FLIGHT TIMES

Time in manoeuvre for 3.75 hour sortie (s)

Load Training Transport ASW SAR
sequence

No. flight C1 -P w O 0) G4j

time 010 Q a Q a QM
(s) &.I siI.S C

n A ~0.0 (

1 6 36 36 18 18 36 36
2 4 54 52 375 376 31 32
3 6 54 54 375 378 31 30
4 4 54 56 375 376 31 32
5 4 1155 1156 804 804 3499 3500
6 5 11140 11160 4824 4845 8748 8765
7 3 60 60 180 180 60 60
8 5 23 25 - - - -

9 4 - - 188 188 11 12
10 - 385 385.5 4432 4432.5 655 658.5
11 6 108 108 740 738 61 60
12 5 108 110 740 740 61 60
13 4 30 32 30 32 30 :2
14 5 12 10 12 10 12 10
15 3.5 30 31.5 30 31.5 30 31.5
16 5 12 10 12 10 12 10
17 2.5 30 30 30 30 30 30
18 6 12 12 12 12 12 12
19 18 30 18 30 18 30 18
20 18 30 18 30 18 30 18
21 5 60 60 60 60 - -
22 5 5 5 5 5 - -
23 5 36 35 180 180 72 75
24 6 36 36 18 18 18 18

Table 15

SEA KING FLIGHT DURATIONS DISTRIBUTIONS WITH
COUNTING INTERVALS OF 15 min, 1 h AND 1.5 h

Initial Number of flights in each counting interval
counting Tranlnin c Transport ASW SAR• ~interval•

(min) 1* 2** 31 1 2 3 1 2 3 1 2 3

0- 15 106~ 87 1241 1
IS- 30 213, 141 48 8 1230- 45 167• 777 .1168 1 55| 592 869 63 28 524 10 47 80
45- 60 291' 209' 84J 20 8

60- 75 2261 1371 P3, 13
75- 90 165 14053 213 4 2090-105 686 53 831 152| 4 17 73

105-120 7 108 286) 23
120-135 391 269 76 7 469 1562 943 55
150-165 151 121 4 875 8 25

165-180 33 7 146 7,
180-195 8 481 801 51 1
195-210 11 2 25• 0 98 3663

210-225 3 25 19 109 120 62 366 422 3 15 ,18
225-240 17 126 4) m

255-270 1 6 14 12 63 2270-285 2 2] 1
285-300 - 1 3 0

300-315 - 2 11 6 4113 12
3 15-33 0 - I1~ 3 j 2 6 -j

345-360 - 1 - 6
330-345 3 0 I .

Total for

each sortie 1464 1464 1902 165

• Counting interval of 15 min ** Counting interval of 1 h
t Counting interval of 1.5 h

Ram.



15-29

Table 16

ESTIMATION OF FLIGHT SEQUENCE LENGTH FOR LOADING STANDARD

t Training Transport ASW SAR

(h) NFPHim NF;m NFPy NFim N Im NF7im NFPHim NF

Case 1: 6 time intervals of 1 h

0.5 0.1602 1232 0.1333 1025 0.0048 37 0.0167 128
1.5 0.1103 848 0.1054 811 0.0164 126 0.0259 199
2.5 0.0258 198 0.0626 482 0.0111 854 0.0089 68
3.5 0.0049 38 0.0246 189 0.0081 62 0.0053 41
4.5 0.0006 5 0.0032 25 0.0014 11 0.0011 8
5.5 - 0.0007 5 0.00013 1 0.0004 3

NFs = 6395

Case 2: 5 time interyals of I h

0.5 0.1615 147 0.1343 122 0.0043 4 0.0171 16
1.5 0.1112 101 0.1062 96 0.0248 23 0.0265 24
2.5 0.0260 24 0.0631 57 0.0112 10 0.0091 8
3.5 0.0050 5 0.0247 22 0.0081 7 0.0054 5
4.5 0.0006 1 0.0032 1 3 0.0014 1 0.0011 1

NFs 677

Case 3: 3 time intervals of 1.5 h

0.75 0.2447 47 0.1954 38 0.0115 2 0.0278 5
2.25 0.0564 11I 0.1055 20 0.0207 4 0.0226j 4
3.75 0.0052 1 0.0270 5 0.0093 2 0.0063 1

NFs = 140

Table 17

DESCRXPTION OF THE VARIABLES USED IN THE
HELIX GENERATION ALGORITHM FLOW CHARTS

Variable Description

I Incremental counter for sortie sequence
•IASWTYPE Sequence of manoeuvres in the standard ASW sonar dunk operation (Table 13)

ISAMT Counter to indicate search and rescue portion of SAR sortie
TSEQUENCE Sequence of 140 sorties that define Helix (see Table 4)

ISORTIE The sortie to be simulated

K,L Dummy variables
LSM Sequence of loads in each manoeuvre (see Table 8)

MANNO The manoeuvre to be simnlated

MASW Number of applications of LSM required for each manoeuvre in the manoeuvre
sequence IASWTYPE (sae Table 13)

MTYPE Sequence of manoeuvres in each of the four sorties (see Tables 9 to 12)

N Incremental counter for manoeuvre sequence in a sortie

NASW Incremental counter for standard ASW sonar dunk manoeuvre sequence

NEWN Manoeuvre sequence numbur in each sortie that starts the landing sequence
and the manoeuvre sequence number that stiats the search and rescue routine
in the SAR sortie

NOMA Number of applications of LSM required for each manoeuvre in the manoeuvre
sequence for each sortie, MTYPE (see Tables 9 to 12)

NH I Number of manoeuvres in each of the four sorties
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Cross hatching indicates training envelope
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Numbers in boxes are the number of cycles per hour

51.7 - -

418.1 -

1.2 12

L6 12 12 2A 0U4
41I.4- --- - - - - - --

411 16 4 4 i• 5 .7 4.7

05 2.4 L2 10.I 10.5 1212 54 12.6

CL 16 as1 24 21 630 5262 17A1 35.2

27. 8 Os It Is 2 1 27.1 I ?1 Ills 1 S 1 01 0.7

asO 2. 5 is 2 t ?2 22 75 7661 $52

- 4 .6 7.2 122 16 60. 12.3 1.2 12.1 ill
2 20.7

1 5, 6 12 I24 10| toi 387 |Let 1412

,2' 16 .4 i 2 , 2 i I 22 ) 50 4 1 .2 1 1. 2.4

13.8

103 ILI 316 4$21 2 140 26.2 41.3 710 60.1 49.7 12

2211 15207 502 121N ill 1651 120 "42 • 7365 111 SI 122 352 13.5

55.2' 62.1 68.9 75.8 86,7 69.6 96.5 103.4

Mean stress (MPsl

* Non - Integral numbers caused by convetslon of lb In"
2 

to MPa

Fig 6 Synthesised stress spectrum for Sea King
blade at half rotor radius for the
transport role

Fatigue limlit of a typical Frequently range for cycles

-- titanium alloy used In accummutating at once per

I blade construction rotor revolution

E 30

'•20 •
=o, Cyct.'s be110. this IleveIl

are omitted in Helix
b ( set section 6.2)to

01
100 Ito 102 103 1o& IOs

Number of load cycles per hour at a -ttress amplitude >o ra

Fig 7 Comparison of stress spectra at half
rotor radius for CH 53 and Sea King
Transport sorties



- 15 -3 5

Matrix tot 3.6s of flight Numbers In boxto are the number of
cystes per hour

II

g 81500I

A 
2

loco 1000
13 1

61 S1 2) it-- -

600 

S a0 o -

200 

200 
-

-800 0 800 1600 2400 -800 0 800 1600 2400
Mean strain (PCt) Mean straia Ipt)

Fig 8 Strain spectrum for the lower surface Fig 10 Strain spectrum for lower surface of
of BO-105 blade root for a longitudinal 80-105 blade root
control reversal in autorotation

Numbers In boxes are the number of cycles per hour

4000 -- - 00 -1

S~0.074,1o 0 .12_ _ ' i - -

I 1.5

g--------------------0.0181 1__ 3.3

0.006 12 0.3

-0.4 0.2 44 67 12
0.2 I11s 125 so8 28

000o o .449 3451 7.7 S.8
10.2 4.8 4.3 286 1581 51S|0 0.4 0 0.2 toe 1 46 "1397 292 1.7

- 13.8 L 2395 1 66 5.1

15370 216 50
01,. 

1

-240D -2000 -1000 0 1000 1".00
Mean strain (sLC

Fig 9 Synthesised Lynx strain spectrum for
lower surface of inner flexible element
at 3.4% rotor radius

LI senl e



15-36

Frequency range for cycles

accummulating at once per
roo rvluin

200

::1000

strain amplitudes

cdivided by 2.1

100to 10, 102 10, to$
Number of load cycles; per hour at a strai-n amplitude r. Ea

Fig 11 Com~parison of strain spectra for BO-105
and Lynx design sortie

Fire% First Second second
0.75h 2.25h 0.75h 2.25h
flight flight S AR f(Igt fih Landing

0.75 h 2.25 h Landing marker marker mar.e rL kr are marker
flight market flight marker marker

0 Time 1h) 3.75 Tm#h).7
a A ltitude profile for 3.75h transport flight a Tti u e p o i me fo i3 7h S R f i h

b Atitde rofle or .25 trnsprt ligta Altitude profile for 2-25h S AR flight

0 0.75 Time (h) 3.50 0.-7 Time (hi 3.75

C Altitude profile9 for 0.75 h transport flight C Altitude profite for 0.75h SAR flight

Fig 12 Example of the construction of the Fig 13 Example of the construction of the
0.75 h and 2.25 ht Transport flights 0.75 h and 2.25 h SAR flights



15-37

Time
80

601 - ~ AA~MA

S20
20 FIContinued below

Z_ 0

-20-

"-20 -It-Take off+ Forward flight 20 kn - Forward flight 30kn + Forward flight

20-Continued from above

, 01

40 kn - Forward flight 30kn + Forward flight 20kn

The representation above is schematic, fatigue test load histories are
normally formed from half cosine cycles

Fig 14 Example of the load time history for the
first phase of a training flight in
Helix

START

I70

NZ0

2 4
MANNOxMTYPE (NISORTIE)

See Fig 151--- CHECK 1

See Fig 16] --- - CHC

See Fig 26]- -- - ----- HC

Output loading data
/held in LSM(MANNO I

repeating L times where
LH NOMA(NISORTIE)

K-NMS ISORTIE

K No

Yes
Output ground

See Table 17 for description
of variables

Fig 15 Generation algorithm for Helix



15-38

Ias for SEQUENCE I1 T -ISORIINE 4ý10 * MANNf~

flight marksrN

marker found Reur

Access new 1--j N *HWNtiISORlIE ISA-R-Jj
ornsneuw.
sequenc.
number j

Current sortie ]SRI
lest to determine

If the standard
search and rescue-------SJ No2
portion of. fioht

hsbeen apptd

Ste Tabie 17 for dascriptiso
of variahles

Fig 16 Subroutine that identifies the flight
rnarkers and skips mnanoeuvres to form
the 0.75 h and 2.25 h flight durations
in Helix

CHECK 2 CHECK 3

Y~st for 1N' No Is current 1No
stgrdard sonar M- ANNO M2 ~.fiuin manoeuvre -- MANNO =10 RETURN
ciunk operation J- -' hover I-

Yes Yes
MASW x /Manoeuyvre 10 is hover and

___________has no slgn~fieant loads

MANNO IASW TYPE (NASWM)

Test for hover' ubroutin,
CHECK 3hc

Output loading data Yes
held in LSM (}AANO) 3

repeating L times w~here

Sa* Table 17 for description
Have theof variabtes

mtandaurds beenW 1 N

mamanoeuvre

C applied



15-39

Appendix A

CONTRIBUTING ORGANISATIONS, INDIVIDUALS AND ACKNOWLEDGMENTS

A.1 Organisations

The following organisations have made major contributions to this collaborative
project.

A.1.1 LBF: Fraunhofer-Institut fNr Betriebsfestigkeit
LBF
Bartningstrasse 47
D-6100 Darmstadt-Kranichstein
West Germany

A.1.2 IABG: InS!ustrienlagen-Betriebsgesellschaft mbH
Einsteinstrasse 20
8012 Ottobrun bei M6nchen
West Germany

A.1.3 MBB: Messerschmidt-B61kow-Blohm GmbH
Post fach 801140
8000 MUnchen 80
West Germany

A.1.4 NLR: Nationaal Lucht-en Ruimlevaartlaboratorium
Voorsterweg 31
Post Emmeloord
NOPThe Netherlands

A.i.5 RAE: Procurement Executive
Ministry of Defence
Royal Aircraft Establishment
Farnborough
Hampshire GU14 6TD
UK

A.2 Individuals

The following individuals have made major contributions to this collaborative
project and can answer any queries regarding the basia and implementation of the loading
standards.

B de Jonge NLR
J Darts RAE
F Daske MBB
M Hick IABG
H G KXbler LBF
F Och MB
Dr D Schutz LBF
Dr W Schutz IABG
Dr V Tapavicza 2MB

A.3 Acknowledgments

The continuing support of Westland Helicopters Ltd to this project, particularly
Mr A.D. Hall and Mr D. Boocock, is gratefully acknowledged.

m l 1



1540

Appendix B

ASSESSMENT OF SUITABLE FLIGHT DUFATIONS AND SORTIE SEQUENCE LENGTHS

B.1 General considerations

The collection of the Sea King flight durations has been discussed in section 4.3
and the data presented in graphical form in Figs 1 and 2. For the analysis presented
here it is more convenient to have the data in tabdlar form, Table 15. In this Table for
each sortie the number of flights recorded in the initial duration counting interval of
15 min is listed along with the results of using counting intervals of I h and 1.5 h. To
represent flight durations differing only by 15 min would prove a difficult task and an
initial estimate suggested that flight durations differing by 1 h or 1.5 h would be more
suitable. The criterion that azsess'es the suitability of these flight durations is that
the most infrequently occurring sortie must occur at least once in the sequence of
sorties of the standard. In addftion the length of the sequence of sorties should be of
the order of 200 sorties long. Details of the analysis follow.

B.2 Symbols and data for the analysis

k number of counting intervals for the flight length data

m sortie number
m = I for Training
m = 2 for Transport
m = 3 for ASW
m = 4 for SAR

nim number of flights of duration ti for sortie m recorded in Table 15

NFim number of flights of duration ti for sortie m in the loading standard

NFs total number of flights in the loading standard

NFPHim number of flights per hour of duration ti for sortie m in the data

NFPHcrit number of flights per hour of duration terit in the data

P(tiir) proportion of flights of duration ti for mission m for the data in
Table 15

p(Tm) fraction of one hour spent in sortie (all-aircraft sortie mix in Table 1,section 3)

ti mean time oX counting interval i for the data in Table 15

tm average flight duration of sortie m in the loading standard

tcrit duration of the most infrequent flight in the loading standard.

B S Analysis

The proportion of flights of duration ti for mission m for the data in Table 15
is:

p(t) nim
Shim

The average flight duration of sortie m in the loading standard is then:

i=k
tm ý J P~tim~tim .

Using the sortie mix for all aircraft th3 number of flights per hour of duration ti for
sortie m is therefore:

plt-m)p(Tm
NFPHim = fim

tM

The =riterion has been set that the most infrequent flight must occur once in the loading
standard, therefore

NFim > l

and it follows that NFP%_

NFim = nearest integer value ofI __NFPHcrit
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and that the length of the loading standard will be:

m=4 i=k

NF E Y, NF

m=l i.=1

with the final constraint that:

NFs 200.

B.4 Results of analysis

Three cases were studied using the analysis described above and values of NFPHim,
NFim and NFs are listed in Table 16 for each case. In the first case to be studied
six counting intervals of 1 h were considered, resulting in flight durations of 0.5 to
5.5 h in hourly increments. It can be seen from thM data in Table 16 that the critical
sortie is a 5.5 h duration ASW mission and for this tc, occur at least once tha sequence
of sorties would have to be 6395 flights long. In the second analysis only five count-
ing intervals of an hour were considered, counts recorded between 5 and 6 h being
disregarded. Details of the analysis'are again presented in Table 16 which indicates
that the 4.5 h duration flights for Training, ASW ind SAR are the critical sorties that
determine the 677 flights of the sortie sequenpe, In the final analysis presented in
Tavle 16 the counting interval was increased to 1,5 h and again counts in the longest
flight duration region were disregarded. The 3.75 h flights tor Training and SAR
determine the length of the sortie sequence which at 140 flights was an acceptable length.

I

ii'

ii
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Appendix C

GUIDELINES TO WRITING A GENERATING ALGORITHM FOR HELIX

C.1 Outline

A flow chart of the general generation algorithm for Helix is illustrated in Fig 15
and flow chavts for the three subroutines in Fig 15 are given in Figs 16 and 17. A
description of each of the variables used in the flow charts is given in Table 17 along
with a reference to the tables in this Report that list the appropriate data. A descrip-
tion of this data is given in section 6. The notation and arithmetic logic used in the
Appendix is that used in FORTRAN.

The algorithm to generate Helix, increments through the sequence of sorties and for
each sortie increments through the sequence of manoeuvres that define the sortiu. For each
manoeuvre accessed the appropriate load sequence is applied the required number of times.
Three subroutines, CHECKI, CHECK2 and CHECK3, respectively decide when to skip manoeuvres
in the sequence to rchieve the required flight length, when to apply the standardised
sonar dunk operation in the ASW sortie and when the manoeuvre to be applied is hover
which has no loading sequence.

floThe most important aspects of the algorithm are described in the sections thatfollow.

C.2 Calculation of sortie number and flight length

The sortie number and flight length are derived from the sequence of sorties,
ISEQUENCE, as follows.

ISORTIE = ISEQUENCE(I)/10 using integer arithmetic
eg

ISORTIE = 23/10 = 2

ie the sortie to be applied is type 2 which is transport (see Table 4).

The flight length = ISEQUENCE(I) - (10 x ISORTIE)
eg

flight length =23 - (10 % 2) = 3

ie flight length 3 is required which is 3.75 hours duration (see Table 4).

C.3 Skipping of manoeuvres to achieve the required flight length

If a 3.75 h flight duration is required then all tne manoeuvres in MTYPE for the
sortie are applied. To simulate the 0.75 h and 2.25 h flight durations some manoeuvres
in MTYPE are skipped by the identification of the flight markers (see sectJon 6). The
0.75 h and 2.25 h flight markers are stored in MTYPE as manoeuvre numbers -1 and -2
respectively for each of the four sorties. The addition of the manoeuvre type number,
MANNO, to the flight length number indicates whether manoeuvres must be skipped. When
Eq.(C-l)is zero the flight marker $.or the correct flight length has been reached in MTYPE.

K = ISEQUENCE(I) - (ISORTIE x 10) + MANINO (C-I)

For the Training, Transport and ASW sorties the next manoeuvre is that following the
landing sequence marker. For the SAR sortie two jumps in the manoeuvre sequence are
performed to achieve the 0.75 h or 2.25 h flight durations. On first encountering a
0.75 h or 2.25 h flight marker, with K equal to zexi, the next manoeuvre is that follow-
ing the SAR marker. On the second encounter of a 0.75 h or 2.25 h flight marker, with K
equal to zerc, the next manoeuvre is that folinwing the landing sequence marker. The
counter ISARJ is set to one on the first encounter of a flight marker and to zero on the
second encounter in the SAR sortie thereby indicating the search and rescue portion of
the SAR sortie. The manoetvx sequence numbers for the manouvres that follow the landing
sequence markers and SAR inmrKer are stored in the one-dimensional matrix NEWN which has
five elements. The first three elements are the manoeuvre sequence numbers of the first
manoeuvre after the landing sequence marker for Training, Transport and ASW sorties. The
fourth element ;s the m&noeuitre sequeince number of the manoeuvre that follows the SAR
marker and the fifth element is the manoeuvre sequence number of the manoeuvre that
follows the Ib~iding sequence marker in the SAR sortie. Therefore if K is zero in
Eq.(C-i) then the next manoeuvro to be applied is at sequence number N, where

N = NEWN(ISORTIE + ISARJ)

If ISORTIE equals 1, 2 or 3 then ISARJ equals zero and the first three elements of NEWN
are accessed according tu the value of TSORTIE. If ISORTIE equals 4 and K in Eq.(C-1)
is zero for the first t me then ISARJ is zero so that the fourth element of NEWN is
accessed. ISARJ is then set to one. The second time K is zero the fifth element of
NEWN is accessed.
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FATIGUE TEST PROGRAM AND TEST RE;UI.TS

by D. Schutz, H.-G. Kbblei; Fraunhofer-institut fur Betriebsfestigkeit, Darmstadt (LF) and

W. SchUtz, M. Huck; Industrieanlagen-Betriebsgesellschaft, Munchen (IABG)

1. Foreword

In order to prevent any readers disappointment at the end of this paper it must be stated at once, that the following

chopteis had to be essentially restricted against the earlier concept in the initial phase of planning the contributions to

this meeting,

The theoretical development of the HELIX/FELIX - standards is indeed nearly finished now, but caused by some delay

durinL the development of these standards unfortunately fatigue tests could not at all be carried out up to now.

Therefore only a general scope of the test progrant considered and some spotlights In this context can be given at present.

Because the authors are riot intended to fulfill the allotted time by more or less sophisticated digressions instead of

presenting test results, this report will be Mriefer than scheduled In the meeting program.

2. Introduction

In a previous study the concept of a standardi:ed load sequence based on service experience of helicopter rotor. has

been estimated as feasible and useful. When such a standard is available as shortly will be, Its presumed advantages

according to an improved realism against the conventional methods have to be skstcdtiated by suitable fatigue tests.

Fig. I describes schematically how the tvo conventional methods of life estimation In helicopter design that are based

on constant amplitude tests and on blockpragram tests respectively are compared with a life estimation based on HELIX

and FELIX.

For that purpose the HELIX and FELIX spectra are used:

- for the constant amplitude method as the basis for the linear damage calculation (Miner's rule) and

- for the block-program method as the basis for deriving the blocked test program.

f•ae HELIX/FELIX ksts will givea basis of fatigue lifes which are at least from the viewpoint of the loaI program very

realistic.

3. Details of the test program considered

Material selection and test specimens have to be oriented on current helicopter rotor design on the one hand, ^_n the

other hand test results obtained should be comparable wih results of other investigations on fatigue perfurmance of

structural materials. Fig. 2 shows the .hree soecimen types provided for the fatigue test program considered in relative

scale, each type used already for numerous fatigue test programs in the past.

The stress concentration factor Kr = 2.5 of the notched Titanium and Aluminium specimens with a centre hole of 8 mm

diameter has been considered a; rqreseniae for stn.ctural ccmponents. The final rolling direction of these sheet specimens

coincides with the direction of the axial loading.

The glass fibre reinforced plastic (GFRP) 4pecimens are smaller in size because this material tends to heat up under

vibratory loading if the mainly stressed aru., is too voluminous. The stress concentration fac,or of the GFRP-spacimens Is

chosen to be Kt = 1 .0 with respect to helicopter rotor components manufactured of such materials which arte also unnotched.

The GFRP-Speclmens provided for axial loading include either wnidiiectional or multidirectional laminates. The GFRP-

specimens for 3-point-bending tests generally contain unidirectionally oriented glass fibres only.
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A survey of the test program considered in this context is shown in Fig. 3. The cross symbols in the single fields of this

table indicate which parameter combinations, i.e. material, specimen type, type of loading and type of test, will be

investigated. Dashes mean that tests will not be run. In all cases constant amplitude tests will be performed as a basis for

subsequent life calculations and .hall verify or complete resp. already existing S-N curves. It is the intention to

investigate the differences in fatigue life predictions based on the application of the standard load sequences also with

predictions based on results of block program tests for some selected cases. Therefore also block program tests with the

HELIX and FELIX spectra will be carried out.

Finally, with respect to e.g. shortening of the testing time, the effect of omitting low stress amplitudes but also of

trunccltng high stress amplitudes on the fatigue life shall be checked by socalled development tests.

The test program will be carried out as a joint venture of RAE, NLR, IABG and LBF.

4. Relationship of measured and standardized load sequences

With the intention to give a visual impression of load sequences experienced by a helicopter rotor blade lower side in the

region of maximum bending moments a short cutout of a strain-time history relevant to a semirigid rotor is shown in Fig.4.

Although this strain trace does not represent aocmtlnuus re:ord of an original flight, but is artificially built i, by a

synthesis of several manoeuvres mcasured under stabilized flight conditions each, some typical attributes used for

considoring the Izading standards can be recognized as follows:

- The mean strain is significantly different from zero and can be assumed to be nearly constant over relative wide

discrete ranges.

- The amplitude of the vibratory strain does not vary too much within most of the single inanouevres with lower loads.

- During manoue-res with more sevefu loading the amplitude of th6 vibratory strain varies much more.

- In some cases the strain-time history dips into the compression region.

Among otlhers the abovw mentioned characteristics have been realized in the standards. Fig. 5 shows a short cutout of a

standardized manoepivre sequenc,. Regarding this figure it should be emphasized that the manoeuvre durations indicated

in seconds relate to the original flight times to be simulated by the standardized loading in which low intermediate

vibratory stresses are already omitted. The st:ess cycle sequence shown in this graph represents for example a flight time

of I minute, but it will be refrccdcd during about 2.4 seconds in fatigue test, if a test frequency of 40 Hz is applied.

In the following the prove is undertaken that the simplification of the original stress-time history by collecting samples

of stress cycles with approximately the xame amplitude into blocks Is permisszo,,j.

Fig.6 shows results of an other investigation concerning the influence of toad cycle mixture on the fatigue life. Each

symbol represents an average value of ten bending tests with a stress ratio, of R 0 valid for the maximum stress amplitude

of the "pectrum.

The emplitude dittributlon of the spectrum is a strolght line in the usual log-linear scale. It has been tvkin from long
time measurements on motor car rear axles.

Ss-rvice duplication tests on notched cylindrical specimens with Kt = 2.15 manufactured of steel equivalent to SAE 5140

%,nd an aluminium alloy equivalent to 2024 respectively delivered the fitigue life curves established by circular symbols,

Conventional block program tests based on the some load spectrum with a total number of mean crossings of H0=3 • 105

per period delivered the fatigue life curves assigned by open qvadratic symbols. Evidentially the life is unrealistic long

in the block program test. After d,.Linishtng the cycle-block size by a factor of one hundred the test results symbolized

b> half coloured squares were obtained which coincide fovourably with the results of tho service duplication tests.

From this data the conclusion con be drawn that random load sequences are allowed to be replaced by cycle blocks if

only the block size Is short enough in comparison with the number of cycles to failure. There is no doubt that blocking

of single manoeuvres in a flight is admissible when constdering ihe fact that one period of the HELIX/FELIX standards

include 140 single flight, each of which composed of many different manoeuvres.Another exampleb this context is givenJ -in Fig. 7. It is shown that blocking the random sequence of gust cycles in one flight in an ascending-descending order
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has no significant effect on the fatigue life.

5. Concluding remarks

5.1 Furtlher applications of HELIX/FELIX

When the present investigation will be finished by the end of next year, only initial work will have been done leaving

still many questions oper-, e.g. see Fig. 8. In this context the estimation of fatigue strength of helicopter rotor parts is

mainly important. The fatigue life data obtained by application of the standardized load sequences can be directly used

for life estimation of a structural component only in cases when the service and standard load spectra are very similar. If

there are service load spectra significantly different from the spectra of the loading standards the test results are to be

converted by e.g. relative Miner's rule. The range of validity of Miner's rule can be deduced e.g. by converting the

test results from HELIX into FELIX and vice versa.

Comparative testing of different design solutions under standardized loading will give more accuracy and confidence to

support the decision for either one solution or the other than constant amplitude testing can provide (e.g. what if

SN-curves intersect?). All test results collected within this program and the following programs yield data for the design

of helicopter main rotor parts in form of fatigue life curves. Bey.nd getting reliable data for supportable vibratory stresses

versus fatigue life the knowledge of realistic scatter factors will grow. On this basi; well founded allowable stresses can

be deduced.

A lot of other points where the ioading iandard can be f.,. or does be extremely important respectively can be

nomee, e.g.:

- investigation on damage tolerance concepts

- investigation of usedup life time of components used already in service

- investigation of the influence of corrosion.

More than in cll other cases cltee above the application of damage tolerance concepts demands the prove of the

assumptions under realistic load conditions.

Besides, fatigue testing can be advanced: The influence of cutting off the standard spectra at low and high stress

amplitudes (omission of low and truncation of high stress amplitudes) can be studied with the loading standards and may

lead to more insight into the phenomenon of damage accumulation. Investigations of the Influence of increased test

frequencies may lead to a shortening.of testing time in connection with cut-off load spectra.

5.2 Testing time and costs

One of the arguments brought forward against the usually socalled spectrum testing is that It is too expensive and takes

too long testing times patticulcrly for t.e rotating components of helicopters. Therefore it is worthwhile to compare costs

and testing times for constant amplitude tests with those of HELIX/FELIX. To define the area or the fatigue limit of an SN-

curve with sufficient confidence one has to carry out aboui 30 to 40 telts up to 10 load cycles and more. If one can use

Amsler vibrophores the testing frequency is about 100 Hz (fiber reinforced plastic components about 35 Hdz =!-y because

of heating up). If an average fatigue life of 5 * 106 cycles to failure is assumed the testing time amounts to about 500

hours (fber reinforced plastic components about 1500 hours). HELIX/FELIX,consist of about 107 load cycles for 1000

flights. If the assumed testing frequency of the neccessary servohydraulic equipment is about 35 Hz one can test up to

about 15 specimens or components between 500 and 1000 flights within the same 500 hours (about 40 fiber reinforced

plastic parts within 1500 hours respectively). Therefore it may vwlL be not more time - consuming and even not much

more costly using the loading standards Instead of constant amplitude testing, but the reliability of results will be much

better.

5.3 Information for the users of HELIX/FELIX

A report describing the generation of both standards is beeing prepared and will be available by the beginning of 1981.

This report contains all the informations for the generation of the standards. The standards will also be available on
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punched cards (FORTRAN IV which may be requested at the participating institutes.

i The standard load sequences HELIX/FELIX may be used to inveitigate the open questions connected with statistical and

ddmage behaviour in spectrum testing near the fatigue limit in order to improve the life prediction methods used up to now.
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onal Life Life Estimation Life
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. .M R



16-5

Material
Titanium Aluminium

Equivalent Equivalent Unidirectional Multidirect.
to 4911 to 2024. GFRP GFRP

Type of Loading Axial Axial 3-Point Axial AxialTes to TBending

Constant Amplitude >X X X X

Block Program - X X
According to HELIX
Block Program X - x X
According to FELIX 

-

HELIX-Standard IX X

FELIX-Standard X X, . X X X

Additionally: "Development Tests"

LBF 287/0IABG Test Program Fi70
IABG Fig. 3

Take off

LBF Strain Measurements on a Semirigid Rotor Blade 2871

IABG (Synthetical Manoeuvre Sequence) Fig. 4
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SUMMARY
This paper gives a certain number of results obtained in a research on helicopter fatigue.

The main objective of this research was a comparison of various approaches to dEsign for
fatigue in helicopter components and, subsequently, an evaluation of improvement in this
area.

Current methodologies used in helicopter industries are considered, as well as nomi-
nal stress approach, and advanced methcds, namely methods based on local stress-strain
approaches. Fatigue tests -constant amplitude and variable amplitude loading- have been
carried out on a typical dynamic component, the tail rotor mast of A 109A helicopter.

Spectrum loading tests have been performed using a sequence directly deduced f,'om
flight load survey.

Such experimental data, and theoretical data from of all the methods considered, are
then compared.Useful indications concerning fatigue evaluation methodologies are given.

1. FOREWORD
The way to deal with the fatigue problem in helicopter industries is generally a safe-

life approach which assures safety by a rather high reduction factor of estimated life;
this is due to the very complex nature of the problem for this machine. The mission spec-
trum and the load spectrum can be established with rough approximation and the actual us-
age -and,therefore, the fatigue loading- often differs from one user to another and is
different from the one predicted.

The other aspects of the problem, namely the fatigue allowable and the life evaluation
performed by simplified methods, also present equally considerable uncertainties.

In the past this approach has been successful, but in recent years the required per-
formance and payioad capabilities for new projects have increasedFurthermore the service
life of components is required to last longer for economic reasons. In these conditions,
such an approach is no longer useful because its application produces heavy structures if
the required safety level must be maintained as is certainly necessary in order to avoid
catastrophic failures.

And, on the other hand, the weight penalty so produced is in contrast with the required
increase in performance and service life.

It is possible to get out of this dead-end in two ways: one is to maintain a safe-life
approach while substantially improving knowledge of the fatigue problem thereby reducing
the excessive degree of conservation, or Alternatively, by applying a damage-tolerance
approach which has already proved to be very successful as far as the fixed-wing in the
same situation is concerned.

This second method is certainly suitable for the helicopter fuselage structure, but at
present there are real difficulties as to its application to dynamic components and the
first method seems to be the better one. This, moreover, is a fundamental step towards
the right application of damage-tolerant methodology.

So Agusta and the Institute of Aeronautics have been developing cooperative research in
the field of the safe-life design of dynamic components. The following topics have been
investigated: fatigue strength representation, counting methods of load cycles, fatigue
life estimation methods.

The research has been carried out according to the following rationale: -to review the
present possibilities in these fields, to pick out the most effective methods in the case
of helicopter fatigue, to try out these methods with the fatigue test data for helicopter
dynamic components subjected to realistic load sequences.

The final goal is a significant improvement in fatigue life assessment methodologies.

2.1. FATIGUE STRENGTH REPRESENTATION
The relationship used so far between the nominal stress and the number of cycles at

failure (the S-N curve) is a basic step in fatigue analysis which raises uncertainties and
rightly so.

For the critical components,specific tests are performed on a few specimens and three
kinds of S-N relationship can be obtained.

The first kind (Fl curve) is obtained as a mean curve among the family of curves, each
passing through a failure pointIll. The curves are assumed in the three parameters
Weibull form. Two parameters are fixed depending only on the alloy kind (steel,aluminum
alloy, magnesium alloy, titanium alloy) and the third is the endurance limit to bededuced
by the fit with the experimental points. The second kind (F2 curve) is obtained in the
same way of the previous, but the two fixed parameters are depending on specific alloy
-(2024,7075,4130 ..... ), treatment, notch or not notch, type of loading.
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The third (BF curve) is always a three parameter Weibiill forrm curve,but the three
parameters are now obtained from a best-fit with all the exDerimental data.

Basically,the following questions have to be answered:- if the fatigue test data of the
components is correctly represented in this Weibull form- what the most effective repre-
sentation is among the curves considered and wbat the most correct definition of the re-
duction factor must be to obtain the operative S-N curve from the mean S-N curve.

To this end, the S-N curves have been compared with the experimental results of large
sets of fatigue tests carried out by Agusta and others,J2!.

It is observed (Fig. la,b,c,d,) that Fl curve do not fit very well the experimental re
sults in quite all the range while F2 curve agrees with the BF curve from 10 cycles and-
then can be considered an effective tool in fatigue data analysis.In the low cycle range,
the fatigue data should be represented more correctly by a four parameters Weibull form
curve, as otherwise the fatigue strength is overestimated. But this N range is not used
in helicoptEr construction, so the error makes no difference. So it should be adequate
the use of the F2 curve for drawing S-N curves of full scale component fatigue tests. In
this case the number of tests. is indeed so reduced that a more appropriate best-fit ana-
l.ysis is impossible.

The definition of the S-N curve in the high cycle range is a complicated question. The
S-N curve from constant amplitude tests usually presents a characteristic value, the fa-
tigue limit. Formerly 131 the stress cycles below this limit were not regarded as damaging.
Recently, experiments have clearly demonstrated that these stress cycles can be damaging
if stress cycles above the fatigue limit are present. These give rise to a microcrack
which grows because of the small amplitude cycles below the fatigue limit.

So the use of the fatigue limit in the evaluation of fatigue damage for variable ampli
tude loading can lead to an unconservative life estimate. The fatigue limit maintains its
significance only when the entire stress spectrum is below this value.

But this is to be found in the case of structures which are oversized from the fatigue
point of view and which therefore are not critical in this respect.

The dangerous error due to use of the S-N curve with a fatigue limit is overcome in
helicopter construction where it is current practice to extend the S-A curve of the finite
life range at high cycles and to establish the fatigue limit at very high cycles; this is
the procedure applied for the F2 curve definitionjlj.A more correct and conservative pro
cedure, recently proposed, seems, however, to be to eliminate the fatigue limit idea and-
to use a S-N curve obtained by extrapolating the S-N curve of the finite life range at
high cycles.

Finally, a remark must be made on the use of the F2 curve. The definition of parameter
values for the selection of the right F2 curve is sometimes difficult and presents some
degree of uncertainty. The F2 curves have been defined by Agusta after detailed analysis
of the available data and a comparison with its own component fatigue data, but very dif-
ferent results can be obtained with data from o-her sources. So, a more general procedure
by helicopter people and a standard approach to the problem of drawing S-N curves are
surely to be hoped for.

The definition of the reduction factor is a even more complicated question.
The first point is where to apply the factor, directly to the S-N curve to be used in

estimating fatigue life or to fatigue life evaluated by the mean S-N curve. The second
point is the procedure of reduction factor definition. While it is certainly true that the
solution generally adopted in helicopter construction is open to criticism and is often
too conservative, we must, nevertheless, have adequate information on the fatigue behav-
iour of helicopter components under typical spectra before a different solution can be
found.

2.2. COUNTING METHODS

A substantiation stage follows the preliminary design stage in the assessment of the
fatigue behaviour of the critical components; constant amplitude tests are performed and
from flight load survey more accurate data on load history can be obtained to be used in
subsequent fatigue analysis.

The problem arises of defining the load cycles from the irregular load history; this
is not a simple question as the so;ution must take the nature of fatigue phenomena into
account, namely it must pick out and count the events which really produce the damage.

The principal counting methods (Tab.I) have been examined from this point of view while
also bearing in mind the results from these produced in fatigue analysis 141. Each method
has been implemented by a computer program.

Detailed analysis of the features and fundamentals of the methods allows us to point
out that:

- certain methods -namely, level crossing, peak, mean crossing peak, range restricted peak,
range, range pair exceedance- cannot take the mean value of the damage event into ac-
count, but the mean stress effect is well known to be an important factor in phenomena.
For these methods, it is suggested that an average mean stress for the full history or
for the segments of this should be considered; the procedure,however, is not clearly de-
fined and in some cases can lead to considerable errors;

- the peak method and mean crossing peak method are easily shown to be unconservative in
some cases since they neglect the small but damaging stress amplitudes which are
superimposed on large cycles,and so range and range mean methods can also be un-
conservative, 151;

- rain-flow and range-pair-range methods alone can take into account sequence effects
which experimental data shows to be significant in fatigue analysis;

- rain-flow and range-pair-range methods seem to work correctly in cycle counting,without

iiA
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the basic errors of other methods; moreover, the first seems to be a better representa
tion of the origin of the damage event:
The analysis has been completed by comparing the various methods on the basis of re-sults provided in fatigue life prediction. To this end, all counting methods have been

used with the simplezt life prediction method, that is. Mines"s rule,applied to the fa-
tigue data from constant amplitude tests expressed by S-N curves.

Tab.I shows two sets of data. The first concerns the application of the FALSTAFF spec-
trum to an aluminum alloy notched component,the fatigue data of which is obtained fromESDU data sheets E.02.01 in the figure of the S-N curves for various values of Sm.The sec
ond set of data refers to a typical load history of a component of a ground vehicle; com*ponent fatigue data is reported in 161 for the case in which Sm=O and the Heywood correc-tion is used for the other values of the mean stress. For this case experimental data for
typical spectrum loading is also available.

The data from the rain-flow counting method is most conservative and in close agreement
with experimental data.

The range-pair-range method also provides similar data.
The other methods forecast longer lives because they do not allow for mean stress ef-

fect and small amplitude damage.
The conclusions of this analysis of counting methods point out that rain-flow is certainly

the more effective and reliable method. This demands a little more computer time in com-parison with other methods, but this makes little difference when considered in relationto the entire fatigue analysis process.
So the rain-flow counting method has been introduced in all the fatigue-life predictionmethods used described in the following.

2.3. FATIGUE-LIFE ESTIMATION METHODS
A general critical review of fatigue-life estimation methods under variable amplitude

loading has been carried out 17 I. The following methods have been considered: thenominal
stress approach,the local stress-strain approach, the E.S.D.U. method, the Impellizzerimethod,Miner's rule as a transfer funztion method, the Haibach method, the typical meth-
ods for fixed wing aircraft concerning the use of the Fatigue Quality Index or such like.Considering the specific field and the state of knowledge, the nominal stress approach
the local stress-strain approach and the Haibach method seemed the most effective tools
and their application is discussed in the following pages.

A17 the other methods contain certain aspects which make them unusable or less suita-
ble in comparison with the ones mentioned above.

Miner's rule as a transfer function, for instance, may become a useful method in the fu-ture, but at present the lack of an adequate amount of experimental data in variable am-plitude loading prevents it from being reliably applied.

2.3.1. NOMINAL STRESS APPROACH
This type of method is based on the acquisition of fatigue data for the critical com-ponents; the fatigue data concerns constant amplitude tests with a steady stress level e-qual to the forecast mean stress level in flight. The results are expressed as S-N curves.
Two ways are used in the utilization of S-N curves for fatigue-strength evaluation un-der flight load spectrum. in the first, the nominal stress history is subdivided into se1

ments and each segment is reduced to an equivalent number of constant amplitude stress cyclesllI. ThenMiner's rule is applied using the S-N curve and the Soderberg correction on mean stress ifthe relevant value of the flight stress segment is different from that of the fatigue test.In the second, the rain-flow counting procedure is applied to nominal stress history, and
then Miner's rule is used as in the previous case.The first, the method using an equivalent number of c.a. cycles, has been employed un-
til now at Agusta, but the second is certainly based more on fatigue phenomena complyingwith the use of rain-flow, whi;h allows us to take the important sequence effect due to
the memory property of material into account.

This latter approach can produce a significant improvement in fatigue analysis. Theprincipal shortcoming is the use of the nominal value in the correction for the mean stress
effect and so inaccuracy may be expected where thib value may substantially disagree witheffective mean stress, for instance in components with a large stress concentration factor
and in stress histories with a considerable change in level in subsequent cycles.It must be emphasized that the method is also applied in many fields employing general S-N
curves obtained from tests on standard notched specimens and sometimes on smooth specimens.The suitable S-N curve for the specific component is carried out by making use of the
stress concentration parameter Kt, or the ,iotch parameter Kf. The basic difficulty is the
evaluation of Kt or Kf and at Agusta this procedure is applied only in the design phasefor the components which are not critical from the fatigue point of view;in all other cases
fatigue tests on the specific component are performed.

2.3.2. THF LOCAL STRESS-STRAIN APPROACH
The basic concept of the local stress-strain approach is the assumption that notchedand unnotched structures behave in the same way when subjected to the same local stress-

strain history.
Therefore this approach starts with the ;omputation of the local stress and strain history at the notch as a solution of two equations, the cyclic a-c relationship and the -Neuber rule. In this step, a special procedure must be used to bring in the memory effect

of the material; sometimes cyclic dependent phenomena,such as stress relaxation,are also
introduced.

Afterwards, the damage event, generally the closed hysteresis loop, is computed from
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the stress-str-ain history and the damage is evaluated by Miner's rule applied to the c-N curve ob-
tained from constant amplitude strain controlled fatigue tests on standard smooth spec-
imens.

On this general basis, different procedures are developed by Wetzel,Landgraf, Soci et
alii, with the principal aim of saving computing time: consequently, sometimes considerable
simplifying hypotheses and approximations are introduced. All these procedures hive been
tested and comparison between them shows that the computer time saving is not such as to
justify the approximations,171.

So it is considered be'ter to use a "right" procedure in which the stress and strain
history is obtained by the numerical solution of the cyclic a-c relationship and the
Neuber rule, taking the memory effect into account too and by applying the rain-flow
counting method to identify the damage events, that is the closed loop hysteresis cycles;
then the damage is evaluated by the Morrow parametdr as proposed by Landgraf. Many ques-
tions still remain to be solved (i.e. the use of Kt or Kf in the Neuber rule, the intro-
duction of a residual stress relaxation law, the definition of the damage parameter ....
but the local stress-strain approach is very much worth using and further researchs be-
cduse of its wider application -particularly in the design phase- and its predictable
meaningful improvement.

2.3.3. THE HAIBACH METHOD

In the Haibach method, 81, the peculiariti•is of the nom nal stress approach and the lo
cal stress-strain approac are to be found togcther.

The stress and strain history from load history, the damage events ano the relevant
values of the damage parameter are deduced in the same way as in the latter approach.

The damage is then evaluated by utilizing the S-N curve of the fatigue strength of crit
ical components expressed by nominal stress.

At the loading conditions oF constant amplitude tests the local stress-strain approach
is applied,thereby obtaining a "transformed" curve which connects the value of the damage
parameter with the life of critical components. Lastly, the damage due to variable ampli-
tude loading is calculated by Miner's rule and by this "transformed" curve.

The following considerations can be made on the Haibach method :- like the local stress-
strain approach,this method allows us to take into account the sequence effects and the
effect of residual stress at the notch; the final result of the method is certainly les
sensitive to the value of Kt or Kf, the evaluation of which is a very complicated problem
in the local stress-strain approach; and the use of the S-N curve allows us to take the
particular features of the critical component into account as far as fatigue phenomena are
concerned.

'Thanks to the features mentioned above, the Haibach method may be considered to be very
useful for the assessment of the fatigue behaviour of the dynamic component.

3. FATIGUE TESTS
The main purpose of the research is to assess fatigue life evaluation methods by a com

parison with fatigue test results for typical helicopter dynamic components under a real:
istic spectrum load.

As a first component, the tail rotor mast of a A 109A helicopter was selected (Fig.2).
The specimens to be tested have been obtained with the same working schedule as for

the helicopter component. Only certain processings have been left out, as not being rele-
vant to the fatigue behaviour of the critical area.

In order to carry out the research,standard fatigue tests had to be performed on compo
nent material, as well as constant amplitude fatigue tests and variable amplitude fatigue
tests on components.

3.1. STANDARD TESTS ON COMPONENT MATERIAL

The properties of 9310 steel needed for the application of the local stress-strain
method have been determined according to the recommended ASTM standard procedure,191. A
Instron servo-hydraulic testing machine and extensometer have been used.

The cyclic curve a-e has been calculated from the standard smooth specimens with the
companion method, by carrying out the stable hysteresis loop cycles (Fig.3a). Fig.3b shows
the cyclic curve a-s and its relationship in the usual form; the monotonic 0-e curve is
also reported.

The same equipment and the same type of specimens have been used to obtain the e-N
strain-life curve in a strain-controlled fatigue test. No overstrain was applied during
the tests. Fatigue failure has been considered to be the appearance of visible small-size
crack, such as 2 mm large. Fig.4 shows the experimental data together with the s-N rela-
tionship.Because of the breakdown of the test equipment, it was not possible to obtain a
lot of experimental data such as is needed for a very accurate representation of fatigue
5trength.

3.2. FATIGUE TESTS OF THE COMPONENT

3.2.1. LOADING APPARATUS

The component has been loaded in a simplified way compared to its operative conditions
on helicopters. Namely, the component was not rotating and a load was applied at the tip,
as shown in Fig.5.
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So the torque load has been left out,-but its value in operative conditions is negljgi
ble as far as the fatigue behaviour of the tail rotor mast is concerned.The system of loadfng
and restraint conditions is shown in Fig.5.

A steel bush has been applied to, the component, connected with the first support to
avoid fretting phenomena; such a bush is not applied on the mast of the helicopter.

The loading system is given in Fig.6. The component supports and the actuator were con
nected to a very stiff rig. The supports held the component in a different way from that-
shown in Fig.5, but the difference has been regarded as insignificart.

The load was provided by a 7 KN hydraulic actuator servocontrolled by the output of a
load cell placed at the actuator stem tip.

This equipment was built by Agusta. The actuator was connected to the rig and the com-
ponent by thin blades which allowed us to achieve the loading conditions previously calcu
lated to be necessary (see Fig.5).

A function generator and a PDP 11/34 process computer -for constant amplitude tests
and for variable amplitude tests, respectively- supplied the input signal to drive the
actuator.

The correct working of the apparatus, namely the loading condition, was checked by spe
cific tests, where stress and strain were measured on several stations of a dummy compo-
nent and cn thin blades andwere compared with the expected values.

3.2.2. CONSTANT AMPLITUDE TESTS

Constant amplitude tests with an alternate load (R=-I) have been carried out to deter-
mine the relationship between fatigue life and nominal stresses. Fatigue life has been
taken to correspond to the appearance of a small crack as in strain controlled smooth spec
imen fatigue tests. Nominal stress has been evaluated in the critical section of the com-
ponent, shown in Fig.5.

The tests in the low and medium cycle range showed the crack started in the critical
section as forecast. As far as tests in the high cycle range are concerned, the components
broke under the steel bush because of a clear phenomenon of fretting. But no crack appear
ed in the critical section which was carefully examined with a 50 magnification glass. Sl
the stress values relevant to these tests have been assumed to be an estimate of the fa-
tigue limit for the critical section which was the focai point for comparison between the
theoretical and experimental data.

In the subsequent tests the defect was eliminated by changing the type of bush, but
other tests in the high cycle range could not be carried out because of the lack of spec-
imens.

The experimental data and S-N relationship are reported in Fig.7.

3.2.3. VARIABLE AMPLITUDE TESTS

3.2.3.1. SPECTRUM LOADING

The load history utilized to carry out the loading spectrum for fatigue tests has been
recorded during flight load survey of A 109A helicopter as the output of a strain-gauge
bridge put on the tail rotor mast.

This load history is a typical sequence in civil transport mission. This is relevant to
a medium range flight of 2400 sec. with a take off weight of 24 KN . The flight comprises
ta!ke off and climb with normal manoeuvres, level flight at :1500 m. and manoeuvres, de-
scent, approach and landing. The details of conditions and their length and occurrence
are shown in Tab.II.

The fatigue test spect'um load has been calculated from the original load history by
filtering the very low amplitude load cycles and by scaling up the load history so obtain
ed. The first operation was necessary to avoid tests of prohibitive length: but the maxi-
mum level of load cycles omitted has been defined so that the test loading spectrum also
has load cycles of an amplitude lower than the fatigue limit of the component calculated
from the constant amplitude tests (see Fig.7). Indeed an important item of the research
is to check the damaging effect of the load cycles at an amplitude below the fatigue lim-
it. Fig.8 shows the cumulative diagram of the amplitude of load cycles (irrespective of
the mean value) obtdined by the rain-flow counting method for the original load history
and the filtered load history.

The levels of the stress amplitudes of the filtered load history are not at all such as
to cause the failure of the component, which has been designed with a'high degree of safe
ty for use on helicopters.

As the aim of the research is the comparison between the experimental fatigue life of
the component and the relevant assessment of the theoretical methods, it was necessary to
duly scale up the time history in order to give rise to component failure. The maximum
level of nominal stress in the scaled up time history has been truncated to SMAX= 638 NI

M2 to avoid excessively high stress levels which are not realistic. The final distribution
of nominal stress cycle amplitudes (irrespective of the mean value) obtained by the rain-
flow counting method is shown in Fig.9 where the fatigue limit shown in the constant am-
plitude tests is also to be found.

3.2.3.2. FATIGUE TESTS UNDER SPECTRUM LOADING

The time history of the typical flight, established as described above, has been re-
corded on the memory of a PDP 11/34 process computer as a sequence of peaks and valleys.
The process computer produced a continuous sinusoidal-type signal between the subsequent
values of the peaks and valleys in order to drive the actuator. The frequency of the sig-
nal wasapproximately 7 c.p.s. selected as the maximum value allowed by the performance of

Rig
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the fatigue machine.

Before each test and sometimes during the test, the output of the actuator load cell
has been recorded with the computer and compared with the expected values. Comparison of
the peak, valley, rise and fall values has always shown deviations which are not higher
than 2%. Obviously, mechanical and electric limiters set at the maximum and minimum of the
loading spectrum were applied during the test.

Four components have been tested with the same spectrum. The results expressed as num-
ber of flights at the appearance of a small visible crack are reported in Tab.III.The crack
occurred in the critical section in all tie tests.Surprisingly,the scatter of the result,
Si rather wide.

4. COMPARISON BETWEEN PREDICfED AND EXPERIMENTAL FATIGUE LIFE
The experimental data and the relevant data from the prediction methods are given in

Tab. IIl.
The nominal stress method has been used with the Goodman correction for the mean stress

effect (Sm=O for Sm<O) and three different S-N curves have been utilized namely, the F2
curve and the two B curves shown in Fig.7. The F2 curve is the S-N relationship used as a
rule at Agusta .nd has been obtained as already described in 2.1. The B curve is the best-
fit straight line S-Iog N of the experimental data relevant to specimens with finite life.

The two different B curves come from either taking the estimated fatigue limit into ac
count, or extending tile curve of finite life range to S=O.

The Haibach method has also been applied using the above specified S-N curves.
The local stress-strain method has been used with the cyclic a-c curve in Fig.3b and

the c-N strain amplitude fatigue life in Fig,4, for several values of the stress concen-
tration factor in the critical section. The estimated fatigue life versus the Kt value is
given in Fig.l0. Generally, two values of Kt are meaningful-, namely the geometrical stress
concentration factor'-Kt- and the fatigue stress concentration factor -Kf-, which is de-
duced from the ratio between the fatigue strengths of the smooth specimen and the notched
comnonent.In this case about the same value is obtained for these two factors. A value of
Kt=1.28 has been deduced in an approximate way from published literature relevant to axial
loading. A similar value of Kf can roughly be determined by comparing the S-N data in
Fig.4 and Fig.7, but an accurate assessment of this parameter is rather questionable be-
cause the value is strongly dependent on the value of N considered in the evaluation.

The value of Kt=l.28 has been also used in the Haibach method; other calculations with
different values of Kt have demonstrated the method to be insensitive to Kt variations
around this value.

Some significant observations can be made.
The nominal stress method and the Haibach method lead to very unconservative results

when applied with the B curve which takes the fatigue limit into account. This result
clearly demonstrates that the amplitudes below the fatigue limit are damaging if stress
amplitudes above this value are also present in the spectrum. The curve without fatigue
limit yields also unconservative fatigue life estimations. This is probably due to an in
accurate determination of the S-N curve in the knee zone.In fact, conservative estimateg
can be obtained by the use of a S-N curve obtained in the same way as the B cuive, but
considering only the foutr experimental data relevant to specimens with lower fatigue life.
This latter S-N curve seems to be a better representation of fatigue strength in the finite
life range, but it must be pointed out that this curve is. not so strictly defined as the
B curve, which is the best-fit of all data availables in the finite life range.

The experimental data and prediction fatigue life results agree quite well if the F2
curve is used. Indeed, as is shown in Fig.7, this curve gives the higher damage for most
of loý.d cycles the spectium.

Anyway, the strong influence of the basic ingredient, that is the S-N curve of the com
ponent, on the results is remarkable; from this, an accurate definition of the S-N curve-
is the most important step in the application of this method.

The results of the nominal strt:s method and the Haibach vtthod, are rather similar.
This was foreseeable, as the component is low notched and the spectrum does not contain
very large variations in subsequent peaks (or valleys); therefore, the difference between
nominal mean stress and local mean stress is not very great.

A very conservative estimate of fatigue life is obtained by the local stress-strain
method. In this case, too, the influence of input data of the method on the final results
is noteworthy, as can be seen from fig.lO. A fatigue life prediction in agreement with
experimental data and results of the other methods is obtained by using a slightly dif-
ferent evaludtlon :f Kt, i.e. K= 1.2 moreover, this value can be considered a quite well-
founded estimate of the value i) the fatigue stress concentration factor.

5. CONCUSIONS

Research aimed at a considerable improvement of fatigue life assessment of the dynamic
components of helicopters has been carried out. This is a fundamental goal for an effec-
tive design of such structures.

Generally components which are critical from the fatigue point of view are checked: by
carrying out constant amplitude fatigue tests on a few specimens of the components -by
assessing the fatigue load spectrum in the operative life from flight load survey- by e-
valuating the fatigue life of the component.

The fundamental tools relevant t6 the steps of the afore•id procedure, namely fatigue
strength representation from fatigue tests, counting methods to be applied to recorded
load histories, fatigue life prediction methods - have been examined.

It has been nrted that the methodology employed at Agusta adequately represents fatigue
strength in the range of number of cycles of concern in the dynamic components fatigue
loading. The $-N curve obtained takes alloy type, the presence of a notch and loading mode
into account.

A rather conservative estimate of f,,cigue strength in the high-cycle range is given.
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A different approach, namely the use of a S-N relationship in the finite lifc, range exI tended to S=O, has been proposed and employed successfully in other applications for fa--
tigue life assessment, under variable amplitude loading. In the present case, a correct
application of the approach is unlikely because of the reduced number of fatigue tests of
the component which is generally possible to carry out.An open problem is the evaluation
of the reduction factor to be applied to the S-N cvrve used for fatigue life evaluation
or, a-lternatively, of the safety- factor on the life estimate. A well sound solution of the
complex problem is attainable by analysing the results of the application of different
procedures to experimental data relevant to typical dynamic components tested under a
loading spectrum representative of operative conditions.The available data of this type,
in the field of helicopter constructions, is still scarce and a considerable amount of
research in this direction is certainly needed.

As far as counting methods are concerned, and as was already well-known, the rain-flow
method proved to be the most effective in the counting of load cycles and fatigue events.

On this subject, the real problem is the significance of the flight load survey, but
this point is farther the aims of this paper.

Several methods have been proposed for fatigue life assessment under variable amplitude
loading. The nominal stress-strain method and the Haibach method seem to be the most suit
able for helicopter construction applications.

The results of these methods have been compared with the fatigue test data of the tail
rotor mast of the A 109A helicopter, subjected to a realistic spectrum, directly deduceui
from flight load survey.

This single result does not allow to draw final conclusions, but some useful iundications
can be obtained.

The first plain indication is the damaging effect of the stresses below the fatigue limit,
estimated from constant amplitude tests, if stresses above this limit are present in the
load spectrum, as it is typical for helicopter dynamic components. So, very unconservativc
life estimates are obtained by using a S-N curve which takes the fatigue limit into account.
On the contrary, there is a statisfying agreement between experimental data and fatigue
life predictions from the nominal stress method and the Haibach method by using a S-N curve
of iinite life range extended to S-O or the S-N relationship utilized at Agusta, which gives
a conservative evaluation of fatigue strength in the high-cycle range. A conservative life
estimate is obtained from the local stress-strain method employing the geometric stress
concentration factor. Anyway, the results of the methods were found to be very sensitive to
input data, i.e. S-N curve and stress concentration factor.

Therefore, the main problem, is not the selection of the most effective method for fatigue
life evaluation, even if the Hpibach method seems to be the most logical approach, at least
on the basis of the case -a!vned.

An it was already pointed out,it seems worthwile to gather further data from fatgue tests
dnder load spectra representative of helicopter operational conditions of the.components in
volved. Following this llne,it is likely to get significant improvements of the fatigue liTe
assessment p-'ocedures and therefore to obtain more reliable and more effective fatigue design
of helicopter dynamic components.
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LIST OF SIMBOLS

F Number of flights
Kf Fatigue stress concentration factor
Kt Geometrical stress concentration factor
N Number of cycles
R Ratio between minimum and maximum of load cycle
S Momlaal stress
Sm Mean value of nominal stress in the load cycle
c Local strain
ea Amplitude of local strain
a Local stress
AS Variation of nominal stress in the load cycle
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COUNTING METHOD LIFE LIFE

Level crossing 1.498 3228
Peak 1.469 3006
Mean crossing peak 2.078 5476
Range restricted peak 1.792 3399
Range 1.584 1871
Range-pair-exceedence 1.380 5587
Range-pair-range 1.298 1858
Rain-flow ,.00. 1594
Experimental data -_1533

Tab. I - Comparison between fatigue life predictions with several
counting methods.

CONDITION NUMBER CONDITION TYPE LENGTH (sec.) NUMBER OF
OCCURRENCE

I Vertical take off 17.07 1
2 Hovering OGE . 7.48 4
3 Lateral control reversal

(stationary flight) 6.67 1
4 Left-hand rotation 3.87 1
5 Acceleration to climb air-

speed (60 KTS) 16.67
6 Max continuous power climb at

Vy climb air-speed-twin engines 144.3 47
7 Acceleration from climb air-

speed to 155 KTS 30.27 1
8 Forward level flight at 160 KTS 721.5 235
9 Rudder control reversal at

155 KTS 4.67 1
10 Right turn at 155 KTS 6.14 2
11 Forward level flight at 185 KTS 240. 78
12 Cyclic pull-up at 155 KTS 8.67 1
13 Forward level flight at 160 KTS 1025.4 334
14 Rudder control reversal at 155 KTS 4.67 1
15 Left turn at 155 KTS 4.34 2
16 Deceleration from 155 KTS at

60 KTS 27.47 1
W7 Descent flight 2 engines 500 ft/min 89. 29
18 Approaching and normal landing 2

engines 41.07

TOTAL FLIGHT LENGTH

Tab. II - Detail of a typical flight for the tail rotor mast of a A 109A
helicopter.

F,NUMBER OF FLIGTHS
• 155.O

EXPERIMENTAL DATA 201.; MEAN VALUE 207.2
213.4
261.9

NOMINAL STRESS METHOD 378.2
(S-h curve used: B curve with fatigue limit)

NOMINAL STRESS METHOD 246.8
(S-M c-irve used: B curve without fatigue limit)
OMINAL STRESS METHOD 217.2
S-N curve used: F2 curve)
OCAL STRESS-STRAIN METHOD 148.0

=1 .28)

HAIBACH METHOD 407.7
(S-N curve used: B curve with fatigue limit)

HAIBACH METHOD 259.9(S-N curve used: B curve without fatigue limit)

HAIBACH METHOD 245.8
(S-N curve used: F2 curve)

Tab. III - Experimental data and fatigue life predictions.

,-f
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Fig.la - Comparison between representations of fatigue strength. Material:aluminum alloy 7075-T6
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Fig.lb - Comparison between representations of fatigue strength.Material aluminum alloy 2024-T4.
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Fig.lc - Comparison between representations of fatigue strength.Material Lluminum alloy 2024-T4.
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1800 - - r--r-rT 111
MATERIA STEEL 4340
SPEPIMEN TYPE : SMOOTH

1600 LOADING MODE: ROTATING BENDING-
1600 Sm=0.00 N/mm 2

BF CURVE

1400 Fl CURVE -

F2 CURVE

800

Fig.id - Comiparison between representations of fatigue strength.lIaterial: steel 4340.

Fig. 2 -Photo of the component for fatigue tests. The tail rotor mast of the
A 109A helicopter.
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CRITICAL SECTION FOR FATIGUE

Fig. 5 -Sketc,' of loading and restraint conditions of the component.

ACTUATOR

LOAD CELL-

Fig. 6 -Loading apparatus for fatigue tests of the component.
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I SPECIMEN AS(NIrm 2) N
2 922.1 6500001400 14 971.2 212460

F2 CURVE 5 1037.9 t34540
0.94 1122.3 76500AS =820.147545067/N' 3 1197.8 42130

1200 04 0 FRETTING FAILURE

________ 2A S=2361.07- 254.27 Ioqj TN1
1E ESTIMATED FATIGUE LIMIT

z

o 800 -

600

400

2 5 105 2 5 106 2 N 1,07 2

Fig. 7 - Constant amplitude fatigue test results for the component.
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Fig. 8 -Load cycle amplitude distribution
of the original and filtered time
hystory. Rain-flow counting method.
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Report on Session V

CONSTANT AMPLITUDE VERSUS SPECTRUM FATIGUE LOADING

by

Pietro Alli
C.A.G. Agusta SpA.

Cascina Costa
21017 Samarate (Varese), Italy

The fifth session concerned the. Constant amplitude versus spectrum fatigue loading ;.nd the main purpose was an
evaluation of the potential role of variable amplitude fatigue test in the design against helicopter fatigue.

Three papers were presented. The first by Mr J.Dart" Development of Standardised Test Load Histories for
Helicopter Rotors. Basic Considerations and Definition of H. & F. deals with the problem of defining a meaningful
standardized load sequency suitable for testing rotor blades.

Two standardized load sequences have been developed, one, Helix, useful for hinged rotors and the other, Felix,
to be used for semirigid rotors.

These load sequencies have been implemented to drive servohydraulic fatigue machines and were derived by an
intensive flight load survey on existing helicopters.

The standardized load sequencies are, as the author of the paper points out, a tool suitatle for comparison purposes
and not for certifying specific helicopter items.

The second paper was presented by Mi Schtitz on the Development of a Standardized Fatigue Test Loading ttistory
for helicopter Rotors. It deals with the same subject as the previous one and would have presented a test data set to
demonstrate the inherent t:apability of standardized load sequences in helicopter fatigue design. Test results will be
available next year.

The third paper preserted by myself on Fatigue Behaviour of Helicopter Dynamic Components under Constant
Amplitude and Spettrum Luading deals w ith the problem of helikopter dy nami4. component fatigue analysis methodo-
logies:

- Fatigue strength representation
- Counting methods
- Fatigue life estimation methods

were theoretiAally analysed and evaluated against the results of an appropriate test program both in constant amplitude
and spectrum loading.

From the first results , it seems possible to conclude that a well selected counting method together with a suitable
S-N curve can lead xo satisfactory life prediction, utilizing moreover the Miner's rule.

Besides, the H-ibach method, which undoubtedly has P, more rational background, works at least in the same
way once the fatigue limit idea is forgotten.

Anyway the substantiation of all the new ideas need more experimental results and the problem of the reduction
coefficients still remain open.

In conclusion, due to the fact that new approaches proposed in the three papers are powerful of future great
developments, it seems worthwhile to prepare a chapter of the planned handbook with the aim of having a detail
des,.rnption of variable amplitude test tec~hniques, a .olle;tion of the existing test resultL and, at last, a deeper evaluation
of all the fatigue analysis methods on the grounds of such results. 11~
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SESSION VI

ROUND TABLE DISCUSSION

Chairman: J.M.Fehrenbach

Rapporteur: G.Stidvenard
Aerospatiale, Division Hdflcopt~es

B.P. 13, 13722 Marignane
France

Plusieurs thames ont gt6 s6lectionn~s par lea participants afin d'orienter la discussion.

Les thames retenus sont lea suivants

1) PROCEDURES COURANTESt2) CRITERE DE TOLERANCE AUX DOHMAiG9S
3) VARIABILITE DES CHARGES DE VOL

4) SIMULATION AU LABORATOIRE

5) EXPERTISE

6) SURVEILLANCE DES ENDOMMAGEMENTS (fatigue monitoring)

7) MOTIVATION DES ESSAIS DE CELLULE

8) NOUVELLES CONCEPTIONS DE ROTOR

1) PROCEDURES COURANTES

Ce premier sujet de discussion visait & faire le point des rm6thodes de justification utilis~es dans le
monde afin dc d6gager une analyse cr'itique susceptible de garantir une meilleure s6curit6 des vols.

tine premi~re question eat pos6e :quelleý oat la valeur du risque d'accident consid6r6 comme admissible
par lea organismes de certification ?

Pour la CAA la probabilit6 dlaccident ne doit pas d6passer 10- par heure de vol, cc pour des missions
a caractare civil.

Cette probabilit6 pout Btre port6c A 1086 pour des utilisations plus spiliifiques et pr~sentant de par
leur nature des risques d'accident plus importants (lutte contre Ilincendie, Mission OFF SHORE, opsra-
tion de sauvetaga, etc...)

Ce risque correspond au risque global d'acoident toutes causes confondues at n~on uniquamant au risque
de rupture en fatigue. Ccci implique donc qua tous les risque.9 6l4mentaires soiant bien inf6rieurs
A 10-7.

Sikorsky fait remarquer qu'il cat tr~s difficlle d'identifier toutes lea causes suscaptibles de provo-
quer un accident at encore plus difficile de chiffrer lea valaurs des risques leur correspondant.

La SNIAS est d'accord avec la remarque de Sikorsky tout en faisant observer qua le risque revendiqu6
par la CAA est un risque par heure de vol A no pas confondra avec celui qui est associ6 aux dur~es
de vie des places travaillant en fatigue.

La SNIAS pense qu'en fatigue las coefficients de s4curit6 doivant 6tre importants afin que la probabi-
litg de rupture demaure extr~rnement faible.

tine exploitation statistique effectuge par la SNIAS d'essais de lot de pales montra qua pour garantir
une probabilitil de rupture inf~rieure 1 10'4 ii convient d'utiliser un coefficient de s6curit6 dlanvi-
ron 1,7 sur las contraintes.

Ce risque de 10 a4 sil correspond a une durge de vie de 1000 heures se traduit done par un risque de
10-7 par heure de vol.

Ce coefficient de sgcurit6 peut conduire a des 6carts tr~s significatifs sur las durges de vie calcul~es
La meilleur example en est l'exercice proposil par l'Amrsican Helicopter Society at qui conduit a des
dur~es allant de 10 h a 20 000 h scion, le coefficient de s~curit6 utilis6.

Cet exercice pr~sente cependant par so nature de nombreuses causes susceptibles de cr~er des 4carts.
En particulier la pi~ce analys6e eat en aciar 434) travaillant sans fretting. La formec de courbe SIN
de cc mat~riau eat tras plate at engendre de cc fait des 4carts en norabre de C~ycles tr~s importants
(1 a 100) pour de faibles 4carts do contraintes.
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Les ruptures rencontrges en utilisation ont g~n6ralement pour origine des d6gradations qui n'avaient
pas 6t6 prisesen compte lors de Ilhomologation initiale (corrosion, usures, etc.... )I

Le seul remade selon M. De Jong serait de justifier toutos les piaces suivant le concept "tol~rance
aux hommages" concept qui nWest pas a ce jour consid~r6 comme obligatoire.

Los raisons sont les suivantos :tout d'abord ii nWest pas toujours possible d'obtonir ce concept
certaines pi~ces ne sly pr~tant pas, ensuite le prix 6lev6 des essais n6cessaires Al sa d~monstration.
Los programmes de justification classique qui portent d~ja sur 6 essais par piaces vitalos sont
dejA aux limites do supportable par lea constructeurs.

Llimportant selon Sikorsky eat d'effoctuer un minimum do 6 essais de fatigue et de tout mettre en oeuvre
pour garantir une constance de la qualit6 de fabrication. Sikorsky recommande aussi une surveillance
s~rieuse du mat6riel en utilisation, surveillance pouvant conduire a une reprise des essais de fatigue
sur des piaces pr~sentant des d6gradations survenues en service.

2) CRITERE DE TOLERANCE AU DOMMAGE

L'A~rospatialo soulavent los questions suivantea

Quels sont los coefficients de s6curit6 utilis6s par les constructeurs am~ricains sur lea temps de
propagation des d6t6riorations ?

En cas de d~couverte en utilisation d'un problame non pr~vu initialement quel est le coefficient
do r~duction de vie appliqu6 a Ilensemble de la flotte par rapport au temps de vol effectu6 par
1'616ment ayant fait l'objet de Ilincident ?

Les constructeurs pr6sents ne r~pondent pas aux deux questions posses par l'A0rospatiale.

3) VARIABILITE DES CHARGES DE VOL:

Quelles sont les pr~cautions a prendre pour slassurcr que lea mesures d'efforts en vol couvrent bien
du point de vue s~curit6 tout le domaine d'utilisation rovendiqu6 pour les machines ?

En particulior comment tiont-on compte de la dispersion qui affecte les efforts des maneouvres effec-
tu6es au ras du sol ?

tine fagon de so pr~munir contre ce genre do problame consiste a multiplier le nombre dlenregistrement
et A les exploiter statistiquement. Ceci implique 6videmment un surerolt d'activit6 pour les pilotes
mais pr6sente l'avantage d'augmentor I a probabilit6 d'appr6hender des manoeuvres mal coordonr~es
suaceptibles do majoror les endommagements en fatigue.

Ces ph6nomanes sont a 114tude aux Etats Unis basis sur Ilacquisition do donn6es avec traitement
statistique des charges statiques ot dynamiques.

Cvtte analyse eat compliqu6e par le fait quo lea charges peavent 6voluer en fonction du vieillissement
des machines. Quelques exemples classiques cont rappel~s tel l'influenco do l'6rosion des pales
faisant varier les limites do d6crochage et do ce fait le spectre des charges.

4) SIMULATION AU LABORATOIRE

Au cours de is discussion il eat rappel6 tous lea risques do r6sultata d'essai fauss~s en raison des
difficult6s do simulation des charges de vol.

Par oxempleoune pale comporte do mu~ltiples types do mise en charge qulil eat difficile de reproduiro
do fagon rigoureuse (Force centrifuge, Moment do Battoment, Moment do Trainee, Moment do torsion,etc...)

Si la simulation nWest pas correcte 1e mode do rupture pout 6tre chang6 ainsi quo lea zones critiques
le spectre do charge a aussi dana ce domaine une importance non n~gligeable.

Il oat soulign6 l'int~r~t de faire les essais do structure en atmoaphare ouverte, ce qui pr~sente
l'avantage do simuler au isoins partiellement los effets do condensation fretting et corrosion.
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5) EXPERTISE

Les inspections des piacos en essais devront Ztre si possible r6alis~es avec les rn~ies moyens et
dans les rn~mes conditions que ceux dont disposera l'utilisateur afin de g~uider la r~daction du
manuel de, maintenance.

Les piaces essay~es devront atre expertis~es avec 1e plus grand soin car elles sont riches en ensei-
gnement sur l'avenir des pi~ces en utilisation. Par la suite l'expertise des pi~ces on service lors
des r~visions devraient permettre de v6rifier si los d6gradations constat6es sont garanties par les
essais de fatigue effoctu6s.

6) FATIGUE MONITORING

La surveillance de l'endommagement en fatigue est difficile en raison do la diversit6 des paramatres

Certains proc6d6s iont A 1'6tude notamment par comptabilisation des endommagements A l'aide do
capteurs optiquos. Ces m6thodes pr~sentent certaines limites dont la principale d~pend do la struc-
ture elle-m~me, en raison de Ilinaccessibilit6 des zones critiques.

Ces capteurs modernes pr~sentent cependant un int~rat certain ne serait-ce que pour survoiller des
variations anormales du comportement do !a structure.

La deuxi~rne approche consisto A relover directement et en continu les efforts de vol. Cette me'thode
ost tras difficile A r~aliser, en service (diversit6 des efforts, difficult6 dlenregistrer ceux-ci sur
6l6ments rotatifs,otc....)

L'application de cette m6thode est donc difficile en s~rio. 11 est fait 6tat do quelques exosples
Indicateur de guide de croisiare sur CHI 47 (D6tamatr~e du Super Frelon permettant la surveillance des
efforts de comrnande).

Finalemont la m6thode la plus rationnelle consiste a calculer l'endommagement de maniare indirecte a
partir du spectre dlutilisation des appareils, ce spectre 6tant d6termin6 A l'aide d'enregistrement
en continu portant sur certains paramatres do vol en utilisation (vitesse, facteur de charge, positions
des commandes, etc.... )

7) ETUDES DES CAUSES DIACCIDENT

Depuis 10 ans 6000 accidents d'h6licoptare ont 6t6 constat~s dont un quart pour des causes inconnues.

Afin do diminuer ce pourcentage dlaccidentsinexpliqu6s, un onregistreur de crash est a l'6tude aux US.
Cet enregistrour sera capable de relever durant au momns 30 minutes de vol cortains paramatres de vol
es~oatiels pour expliquer l'accident et par la suite 6viter, qu'1l puisse se reproduire.

8) MOTIVATION DES ESSAIS DE CELLULE:

Ces essais pormettent an avance do phase de d6tecter les points critiques de la collule, de valider
des p6riodlcit6s d'inspection en fonction des vitesses de propagation constat~es en essai et par la
suite de justifier des solutions do reparation.

L'inconv6nient majeur do cot essai est son prix do revient.

En France, la Drerniare tentative a 6t r6alis6e au titre d'un programme do Recherche afin do verifier
la validit6 d'une telle experimentation. Ce genre d'ossai sera vraisemblablement d~velopp6 A la demande
des Services Officiels dans la mesure oa le coat demeurora raisonnable. Un moyen de i'endro cot essai
momns on~reux pout consistor A le morcelor afin do s6lectionner los zones prioritaires a tester.

9) ROTORS DESIGN

L'utilisation des isat~riaux composites dans la fabrication des rotors pr6sente do nombroux centres
d'int6rgt qui portent entre autres sur,

- Moilleurs ajustement des fr6quences propre~s des piaces permettant do minimiser los ph6nomanes de
fatigue, afin d'6viter d'avoir A los oombattro

- Comportement fail safe 6vident (d6larsinage g6n~ralement facile 3 d~tecter et vitesse do propagation
des d6laminages lente.

- Technologie permettant une r~duction do nombre do piacd (suppression des pikces servant A la lubri-
fication) d~o gain sur la masse.

- Fiabilit6 ars~lior~e ot maintenance simplifi~e

- Coat do fabrication diminu6.

401
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SESSION VI

ROUND TABLE DISCUSSION
Chairman: J.M.Fehrehbach

Rapporteur: G.Stidvenard
Aerospatiale, Division HMIicopt~res

B.P. 13, 13722 Marignane
France

Several themes were selected by the participants in order to guide the discussion. The following themes
were retained:

1. CURRENT PROCEDURES

2. DAMAGE TOLERANCE CRITERIA

3: VARIABILITY OF FLIGHT LOADS

4. LABORATORY SIMULATION

S. EXAMINATION

6. FATIGUE MONITORING

7. MVTIVATION FOR STRUCTURAL TESTS

8. NEW ROTOR CONCEPTS

1. CURRENT PROCEDURES

The aim of the first subject of discussion was to survey the substantiation methods in world-wide use in
order to define a critical analysis method likely to guarantee maximum flight safety.

The first question which arose was: what is the level of accident risk considered acceptable by certifi-
cation authorities? For tihe CAA, the probability of accident -should not exceed 10-7 per flight hour,
that is for mitsions of a civil character. This probability can bd increased to 10-6 for more specific
utilizations which, by their nature, incur a greater risk of accident (fire-fighting, off-shore missions,
rescue operations, etc.). This level of risk corresponds to the overall risk of accident from all causes
and not solely to the risk of fatigue failure. This implies, therefore, that all the basic risks should
be well below 10-7. Sikorsky remarked that it is very difficult to identify all the sources likely to
induce an accident and more difficult still to quantify the corresponding risk.

SNIAS agreed with Sikorsky's comment while pointing out that the risk specified by the CAA is a risk per

flight hour, not to be confused with that which is associated with the service life of parts subjected to
fatigue. SNIAS thought that under fatigue conditions, safety factors should be high so that the
probability of failure remains extremely low.

A statistical investigation carried out by SNIAS on blade tests showed that, in order to guarantee a
failure probability of less than 10-4, it is advisable to use a safety factor of about 1.7 on the stresses.
If this 10-4 risk corresponds to a life of 1000 hours, it becomes equivalent to a risk of 10-7 per flight
hour. This safety factor can lead to some very significant variations in predicted service life. The
best example is in the exercise presented by the American Helicopter Society which resulted in lives
varying from 10 h. to 20 000 h. according to the safety factor used. However, by its very nature, this
exercise presented numerous sources liable to create discr6pancies, In particular, the part analyzed was
of 4340 steel, not subjected to fretting. The shape of the S/N curve for this material is very flat and,
consequently, results in very large variations in the number of cycles (1:100) for small differences in
stress.

Failures met with in service generally originate from forms of degradation which had not been taken into
account at the time of initial certification (corrosion, wear, etc.). The only remedy, according to
Ir de Jonge, would be to substantiate all parts iii accordance with the "damage tolerance" concept, which
is not at the moment considered to be mandatory. The reasons are the following: firstly, it is not
always possible to app', this concept, as certain parts do not lend themselves to it, and becaute of the
high cost of the tests necessary for its demonstration. The conventional substantiation prokrammes, which
already require six tests on each vital part, are already at the limit acceptable to the manufacturers.
The important point, according to Sikorsky, is to carry out a minimum of six fatigue tests and to use
every possible means to ensure consistent nunufacturing quality. Sikorsky also recommended close
monitoring of the material in service, such monitoring making possible a repeat of the fatigue tests on
parts which show degradation occurring in service.

2. DAMAGE TOLERANCE CRITERIA

Adrospatiale raised the following questions:

What are the safety factors on damage propagation rates used by American manufacturers? In the event of
the discovery in service of an initially unforeseen problem, what is the safety factor on life reduction
applied to the whole fleet as a function of the flight time achieved by the component responsible for the
incident?

MONISM
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The manufacturers present did not reply to the two questions raised by Aerospatiale.

3. VARIABILITY OF FLIGHT LOADS

What precautions should be taken in order to ensure that the measurements of flight loads fully cover,
from the safety aspect, the whole service envelope specified for the aircraft? In particular, how is the
spread in manoeuvre loads close to the ground taken into account?

One way of providing rjainst this type of problem is to multiply the number of recordings taken and to use
them statistically. This obviously implies additional act.vi.y for the pilots but offers the advantage of
raising the probability of detecting badly coordinated nano.ures likely to increasefatigue damage. These
phenomena are being investigated in the United States, based ou data acquisition with statistical treatment
of the static and dynamic loads. This analysis is complicated by the fact that the loads can evolve as a
function of the life of the aircraft. Some classical examples were mentioned, such as the effect of blade
erosion on the stall limits and, consequently, on the load spectrum.

4. LABORATORY SIMULATION

During the discussion, the risks of obtaining distorted test results, due to difficulties in the simulation
of flight loads, were reviewed. For example, a blade sustains multiple typeof loading which it is
difficult to reproduce accurately (Centrifugal force, flappiag moment, drag moment, torsional-moment, etc.).
If the simulation is not correct, the failure mode can be modifiod hs well as the critical areas. The load
spectrum is also not unimportant in this context. The value of making structural tests in the open air,
which offers the advantage of, at least partially, simulating the effects of condensation, fretting and
corrosion, was emphasized.

3. EXAMINATION

Inspection of parts under test must, if possible, be made by the same means and under the same conditions
as those which the user will have available, so as to guide the preparation of the maintenance manual. The
parts tested must be examined with the greatest care since they will provide considerable information on
the future service life of the parts. Subsequently, examination of parts in service at the time of
inspection should enable it to be determined whether the observed degradation is covered by the fatigue
tests made.

6. FATIGUE MONITORING

Monitoring of fatigue damage is difficult owing to the diversity of parameters. Certain procedures are
being investigated, in particular by kaeping accoimt of damage by means of optical sensors. Su:h methods
have their limitations, the main one depending on the structure itself due to the inaccessibility of
critical areas. However, these modern sensors are of unquestionable value, be it only to monitor abnormal
variations in structural behaviour.

The second approach consists of recording flight stresses directly and continuously. This method i& very
difficult to apply in service (variety of stresses, difficulties in recording these stresses on rotating
components, etc.) It is therefore difficult to apply this method in production. A few examples were
mentioned: cruise guide indicator on the CH-47 (Botambtre of the Super Frelon, which makes it possible t.
monitor control forces).

7. ACCIDENT INVESTIGATION

In the last ten years there have been 6000 helicopter accidents of which a quarter were due to unkn',wn
causes. In order to reduce this fraction of unaccountable accidents, a crash recorder Is being developed
in the United States. This recorder.' will be capable of recording, for at least 30 minutes of flight,
certain flight parameters which are necessary to account for the accident and, subsequently, to avoid its
re-occurrence.

8. MOTIVATIONS FOR STRUCTURAL TESTS

These tests provide the means of detecting critical points in the structure, of validating inspection
periods as a functionk of propagation rates obseiwed in tests and, eventually, of substantiating repair
schemes. The main drawback of this test is its cost.

In France, the first attempt was made within the framework of a research programme in order to check the
validity of such experiments. This type of test will probably be developed at tho request of the official
authorities as long as the cost remains reasonable. A means of making this test less costly may consist
of dividing it up in order to select priority areas to be tested.
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9. ROTOR DESIGN

The use of composite materials in rotor manufacture offers a great-deal of interest, especially withregard to the following~points:

- Better adjustment of the natural frequencies of components in order to minimize, fatigue phenomena andto avoid having to combat them.

- Obvious fail-safe behaviour (delamination usually easily detectible and low delamination propagation
rate).

- Technology allowing a reduction in~the-number of parts (olimination of parts used for lubrication),
hence reduction in mass.

- Improved reliability and simplified maintenance.

- Reduced manufacturing cost.
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