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THE MISSION OF AGARD

The mission of AGARD is to bring together the leading personalities of the NATO nations in the fields of science
and technology relating to aerospace for the following purposes:

— Exchanging of scientific and technical information;

-- Continuously stimulating advances in the aerospace sciences relevant to strengthening the common defence
posture; .

— Improving the co-operation among member nations in aerospace research and development;

~ Providing scientific and technical advice and assistance to the North Atlantic Military Committee in the field
of aerospace research and development;

~ Rendering scientific and technical assistance, as requested, to other NATO bodies and to member nations in
connection with research and development problems in the aerospace field;

~ Providing assistance to member nations for the purpose of increasing their scientific and technical potential;

-~ Recommending effective ways for the member nations to use their research and development capabilities for
the common benefit of the NATO community.

The highest authority within AGARD is the National Delegates Board consisting of officially appointed senior
representatives from each member nation. The mission of AGARD is carried out through the Panels which are
composed of experts appointed by the National Delegates, the Consultant and Exchange Programme and the Aerospace
Applications Studies Programme. The results of AGARD work are reported to the member nations and the NATO
Authorities through the AGARD series of publications of which this is one,

Participation in AGARD activities is by invitation only and is normally limited to citizens of the NATO nations.
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PREFACE

The Structures and Materials Panel of the NATO Advisory Group for Aerospace Research and Development:
(AGARD) consists of engineers, scientis’< and techaical administrators from industry, govemment and universities
throughout the NATO nations, and is concerned with the advancement of aerospace research and development and the !
application of the results to the design and construction of, and the solution of problems arising during the operation
of NATO military vehicles, systems and equipment. The biannual Pane] Meetings provide forums for specialist multi- {
national discussions of problems and research information and for initiating and monitoring cooperative studies and
experimental programmes. The Panel also provides a mechanism for the planning, preparation and distribution of
surveys and reports on the present state of knowledge in technical areas within the fields of Structures and Materials j
selected because of their importance and their relevance to current or future problems facing the NATO aerospace
community.

In recent years, fracture mechanics became an important factor in aircraft design and development. Even though
considerable progress has been made with the application of advanced calculation methods and computer programmes
improving the accuracy of flight-load prediction and calculated stresses, it has to be envisaged that cracks in aircraft
structures may occur, initiated during manufacture or in service. These initial cracks will propagate under service
loading and finally could lead to a complete failure of the part, i.e. the structure. Therefore, adequate measures have
to be taken by the designer to avoid catastrophic service failures.

U

With the aim of ensuring the required safety in aircraft operation, different design philosophies have been developed
in the last twenty years. However, it was learned by service experience that the fail-safe and safe-life philosophies o
applied in the fifties and sixties were not satisfactory. The progressing development of fracture mechanics theory
opened new possibilities to investigate the fracture behaviour of aircraft components and predicting crack propagation
and residual strength characteristics, New testing techniques were developed to determine the required material data
necessary for fracture mechanical calculation. The application of fracture mechanics concepts in aircraft design, the

theoretical and experimental investigation of the fracture behaviour of complete aircraft structures are also reflected in
MIL-STD-83444,

Realizing the different problems in the field of aerospace-structures experienced with new high-strength materials,
e.g. flaw susceptibility, stress corrosion, crack detection, crack propagation and residual strength aspects, the Panel was
of the opinion that the existing knowledge and the experience gained by the application of fracture mechanics concepts
in aircraft design should be collected and made available to engineers and designers in a handbook on Practical Applica-
tions of Fracture Mechanics. The Panel set up a Fracture Mechanics Working Group to commission and monitor the
preparation of a comprehensive survey of the pertinent information presently available on the application of fracture
mechanics to the fracture of metals and actual structures. In addition, this work had to cover engine components,
built-up structures, integral structures, joints, lugs and fasteners, forgings, effects of stress corrosion and problems of
scatter including fundamentals of determining stress concentration factors, fatigue crack propagation and residual strength
calculations.

It was recognized that fracture mechanics was an inter-disciplinary growth area of research of ever increasing
importance to those people concemed with the design and operational management of aircraft, especizlly in the light
of the modem airframe fail-safe design philosophy and aircraft safety. It was therefore decided that the resuiting
critical survey report should be given a wide circulation within the NATO nations.

The Panel was very fortunate from the outset in securing the services as Coordinator and Editor of Dean Harold
Liebowitz, School of Engineering and Applied Science, The George Washington University, Washington, D.C., a world
renowned expert on the fracture of materials.

An essential feature of AGARD activities is the pooling of relevant knowledge within the NATO nations and the
bringing together of specialists for informed discussions and debate on the subject concerned. This occurred in full
measure within the Fracture Mechanics Working Group and the Panel is indebted not only to Dean H.Liebowitz, the
Coordinator and Editor for his outstanding efforts but especially to the many contributors to the monograph
“Practical Applications of Fracture Mechanics” itself from the nations: Canada, Belgium, France, Germany, Italy,
Netherlands, UK and USA.

H.J.ZOCHER !
Chairman, Fracture Mechanics Working Group
AGARD Structures and Materials Panel
Munich, Germany

January 25, 1980
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FOREWORD

The Structures and Materials Panel’s Fracture Mechaiics Working Group has been working, since its incepiion in
1971, to make available a requisite body of knowledge to facilitate an understanding of frac{ure and its imylications
for, and applications to, aircraft.

In 1974, the Structures and Materials Panel published AGARDograph 176 Fracture Mechanics of Aircraft Structures,
to encourage the dissemination of fracture mechanics work in aircraft design, materials selection, and nondestructive
evaluation as well as provide a detailed survey of the principal tools, testing methods, and materials data.

Following this publication, the Panel decided to continue its activities with a focus on Fracture Mechanics Design
Methodology to address the following areas: practical applications of fracture mechanics in the design of new aircraft;
durability and damage tolerance assessment in aircraft in. service; design methodology for built-up sheet structures;
seiection of aircraft with forgings, lugs, etc. A specialists’ meeting was set up and the results of this meeting are
contained in AGARD CP-221, Fracture Mechanics Design Metk:dology .

This volume on fracture mechanics has essentially been oriented to presen. practical applications of all aspecis of
aircraft design, manufacture, and testing. Although theoreticai discussions and presentations have been included to
afford the engineer, scientist, and aircraft designer an appreciation of the complexity of the problems involved, the
main empliasis has been on practical examples of the application of fracture mechanics. It is important to emphasize
that this undertaking was to be an international =ffort, rather than being confined to one country.

The Editor, Professor H.Liebowitz, wishes to thank the Chairman, Mr Horst Zocher (Germany), and members of
the Working Group, Dr L.A Harris (USA), Dr G.Incarbone (Italy), Mr J.B. de Jonge (Netherlands), Dr R Labourdette
(France), Mr E.L.Ripley (UK) Mr J.A.Dursby (Canada), Prof, A.Salvetti (Italy), Prof. F.A.Deruyttere (Belgium),

Prof. J.W.Mar (USA), Mr G.P.Peterson (USA), Dr N.M.Tallan (USA), Mr F.Niordson (Denmark}, and Mr W.G.Heath (UK)
who also served as Chairman of the Editorial Committee, for their significant efforts and assistance in providing
guidance and direction during the course of preparing this publication.

Appreciation is also given to the administrative and technical staff, especially to Mr John M.N.Willis and Ms. Alice
Guerillot, of the Structures and Materials Panel, Paris, for the many helpful suggestions and assistance rendered. In
addition, the Panel Coordinators from each NATO courtry participated in obtaining the information to make this a
truly intemational cooperative project.

Special thanks are due to Dr T.Gaymann (Germany), and Dr R.S.Berrisford (USA) and the other members and
participants of the Structures and Materials Panel for their interest and participation in helping to achieve the objectives
of this study.

Special thanks are also due to the many contributors indicated in the List of Contributors for their unfailing co-
operation and untiring assistance in providing the material for the comprehensive discussions and descriptions of
Practical Applications of Fracture Mechanics to aircraft design, manufacture, and testing.

H.LIEBOWITZ
Coordinator and Editor
Washington, D.C.

November 1579
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l. INTRODUCTION

by

Harold Liebowits
School of Engineering and Applied Science
George Washington University
Washington, D.C. 20052
U.S.A.

Practure Mechanics principles and their application in the aircraf‘t industry
have made significant gains in the last decade., The main reasons for this advancement
are the requirements for damage tolerant design of the aircraft and the availability
of sfficient computer methods to deal with complex crack configurations. Recognizing
the importance of Fracture Mechanics in aircraft design, AGARD first published a
monograph on Practure Mechanics of Aircraft Structures (AG 176) (Jan. 1974) and subse-
quently published the proceedings of a confereance on Fracture Mechanics Design Method-
ology (CP 221) (Feb. 1977). On the basis of the presentations of these publications
and subsequent discussions, it was felt that a manual on Practure Mechanics Design
Of Aircraft Structures would be of great help to both the designer and the researcher.
It is expected that the present design manual will be useful to aircraft designers
wlth a background knowledge of Fracture Mechanics as discussed in the publications
mertioned above and to researchers in this field.

Practure Mechanics applications to ailrcraft structures can be seen in the
design and operational phases, as well as in the maintenance and failure analysis
phases. Since the damage tolerance calculations require the residual strength and
crack growth characteristics to be evaluated during the design phase, important trade
off studies on the choice of materials and the optimum type of construction of differ~
ent componants can be performed at an early stage, Pail-safe criteria used in daxage
tolerance analysis provide useful information regarding safe inspection periods and
the required crack detection capabilities, based on the initial crack size and shape
and the subsequent crack growth, These aspects are discussed in this manual with
regard to various aircraft components,

Experience has shown that practically all the components of the aircraft are
vulnerable to crack propagation. This manual considers fracture machanics appli-
cations to the built up structures of the fuselage and wing with special attention
being paid to various joints and holes; also the landing gear and other forged com=-
ponants are treated in detail because of their 3special fracture characteristics. An
outline of fracture mechanics applications to the gas turbine disk and blades is
provided to indicate the interaction between thermal and fatigue cycling on crack
growth, although uamage tolsrant design concepts are not presently applied to aircraft
engine components. Special chapters on variable amplitude loading, stress corrosion
cracking and simple analytical techniques to obtain stress intensity factors provide
valuable background information,

Broadly speaking, the various design examples presented in this manual supple-
mented by expert comments, indicate that care should be exercised in modeling the
damage and in relating the fracture toughness ard crack growth characteristics of
actual components to those obtained for laboratory specimens, Where possible, the
fracture toughness and crack growth characteristics corresponding to the cracked
specimens from the critical component locations should be compared with the standard
laboratory results. Also the validity of the plane strain fracture toughness values
for a cracked component should be checked ba ad on the component thickness and
yielding in the uncracked ligament of that component.

Design examples presented in this manual can be broadly classified into two
categories: damage tolerant design of a new component and damage tolerance study
applied to an existing component., In the case of a new component many assumptions
are made regarding critical crack locations, gedometry and orientations and here a
parametric study of the influence of crack geometry has been recommended. Also, crack
growth rates based on laboratory tests may be often widely different from those
applicable to the component. In the case of an existing component the critical
locations, shape and size of the damage as well as the crack growth characteristic can
be obtained from the actual component performance using the technigues of NDT and
fractography.

An outline of the contents 2f this manual and some significant findings are
discussed below:

Exgine Components

Continuing demands for increased engine efficiency and fuel economy in
aircraft can be satisfied only through improved turbiné disk and blade durability.
Practure mechanics principles and crack growth simulation techniques are presently
applied to turbine disk and blade airfoil failure analysis although considerable
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research is needed to establish a mathematical model for micro-crack growth under
extreme thermal environments, Buried intrinsic defects were often the cause of pre-
mature disk failures though such defects may not be noticed in the population of
fatigue test specimens because of the samaller volume of material in the specimen.

. Presently, Monte Carlo simulation techniques are used to develop 5N curves for the

fracture mechanics appiication, The defect size and the applicable crack growth

data are treated as statistical variables while the inspection limit and fracture
toughness are treated as deterministic, It is noted that a nonlinear crack growth
equation provides better simulation of near threshold crack growth. An important
aspect of the problem is that the stress ratio and mean cyclic stress are both influ~
enced by plasticity. Extensive modelinc capabilities of the finite element technique
are applicaple to a number of gas turbine engine problems,

In the case of turbine disks, load history and a local model of the cooling
air hole may provide sufficient information for a thermomechanical fatigue analysis
based on fracture mechanics. Assuming an elliptical surface crack and the appropri-
ate test data, crack growth profiles in a turbine disk are obtained at various load
cycles. Substantiating test data are often difficult to acquire in the case of
engine components because of the cost and lack of proper instrumentation. The complex
nature of these engine components pose serious difficulties for the application of
fail-safe design concepts in aircraft engines.

Built Up Strrctures in Aircraft Wing and Fuselage

In the case of aircraft wing and fuselage, the requirements of damage tolerant
design in terms of residual strengtn and crack propagation enable a proper choice of
the material and the structural elements to be made in an early stage of the design.
Very efficient computer techniques are presently available which can account for rivet
flexibility, yielding and friction as well as crack tip plasticity and debonding of
adhesive bonded panels. Two different approaches are available which are based re-
spectively on crack tip stress intensity and the global energy release rate, 1In the
case of curved panels the effect of internal pressure and load biaxiality are ac-
counted for in recent studies. Many practical examples are presented here which indi-
cate the effectiveness of modern computer programs to analyze built up structures,
Some important results are indicated below:

0 Crack arrest properties c¢f panels with 202473 stiffeners are inferior to
those with 7075-T73 stiffeners,

0 Stress intensity factor is history dependent since load transfer takes place
to remote raivets during overlosd, causing an increase in the stress intensi-
ty factor.

0 Cracks running into rivet holes experience a sudden increase in damage size
which offsets the advantages due to the required refnitiation period for the
crack to grow beyond the hole.

0 Unconservative predictions often result when damage development assumptions
are tco simple.

0 Analytical results indicate that integral stiffeners are more effective in
slowing down the crack than riveted stiffeners,

Fastened Joints in the Aircraft Structure

This is an important area where complex crack locations and geometry often
pose difficulties in estimating the elastic stress intensity factor and the effect of
its variation on the residual strength. A thorough survey of the analytical and
empirical formulations and experimental studies is presented here. Many practical
suggestions are provided for m..’eling the damage.

In general, through cracks, occurring in thkin sheets at circular holes, grow
to a considerable distance from the hole before the magnitude of the stress intensity
factor approaches the plane stress fracture toughness for the material. Hence, through
cracks, in thin sheets at circular holes, can be safely mcdeled using an effective
crack length approach. However, in thick sheets and components, stress intensity
factoras of the cracks (quarter circular, elliptical etc,) at the hole attain the
plane strain toughness value cven when the cracks are small, This calls for accurate
determination of the stress intensity factors for part through cracks at structural
holes,

Importzut results on the effects of rivet interference and cold working on the
crack growth at holes are discussed in this chapter. It is shown that experimental
data can be used to characterize stress intensity factors for complex crack shapes
and that the fractographic data of actual components are often useful ton obtain their
crack growth characteristics. Many of the practical examples presented here include
expert comments on the approaches used, Examples discussed include corner defects at
holes of wing spans, damage tolerance -analysis of landing gear components, titanium
alloy wing iugs, aircraft horizontal stabilizers, and engine pylons of a medium

-,




transport aircraft, Crack growth characteristics and inspection 1ife are indicated
in most of these examples,

Integral Structures

In the wing structure integral construction is oiten used instead of sheets
with riveted stiffeners, Here, the residual strength of integrally attached atifteners
in a plate is derived using Poe's results for riveted stiffeners. It is shown that
for flat panels the predicted crack growth characteristics compare well with experi-
mental results., However, wide differences were indicated betwsen experimental znd
theoretical results in the case of curved panels which are attridbuted to load
biaxiality and panel curvature.

Porgings Including Landing Gear

Porgings are single locad path structures and hence can cause catastrophic
failures due to crack growth. Here the special fracture characteristics of forgings
used in wing spans, root ribs, bulkheads, wing or empennage attachment fittings, etc.,
§Ye presented., It is noted that the scatter of fracture toughness values of speci-
mens cut from the foraings is often more than the scatter seen in laboratory <peci-
means. Also the assumption that at agual AKX and R, the crack propagation in the speci-
men and the component are aqual, is not always true in the case of forgings.

Interesting examples of test results from actual forgings of discontinued
aircraf components are presented, In the case of cartain nose landing gear struts,
different struts having cracks of similar sizes and shapes produced widely differing
failure loads. Also, a scatter of 1:7 or 1:5 was noticed in the crack propagation
period; forgings with & long fatigue life often had a very short crack propagation
period and vice versa., In several load sequences the Willenborg retardation model
gave unconservative results., Examples presented include forged wing attachment
fittings, hinge rib forgings and full scale fatigue tests on a main landing qear.

Patique Crack Propagation Under Variable Amplitude ioads

After a brief review of the fatigue crack propagation under constant loads,
the different aspects of variable amplitude load fatigue ara discussed. Methods for
calculating crack propagation under variable loads are given, including an assessment
of the currently used calculation procedure, Test results are given for various com-
ponents and it is concluded that Willenborg and Wheeler mude¢ls may not always give
conservative results; while the Fcrman equation is always on the safe side (when wide

fluctuations in the mean stress of the load sequence are taken care of by providing
additional load cycles),

Accounting Por Variability in Materials Performance

Since the numerical wvalues of material properties such as fracture toughness
and fatigue crack growth rate exhibit considerabls scatter, their appropriate design
values have to be deotermined using statistical procedures. Statistical methods to
account for variabilities in fracture toughness data and crack propagatior data are
discussed in both sections of this chapter.

The first section, "Treatment of Scatter of Practure Toughness Da*a for
Design Purposes” (Schiitz) deals with the treacment of scatter in fracture toughness
values and emphasizes that a successful statistical analysis depends on a proper
choice of the inpat data. Coefficient of variation in fracture toughness and the
statistical mean value for fracture toughness are evaluated for several .lloys and
plots are given which indicate the expected mean fracture toughness values for
several heats of the same material.

The coefficient of variation in fracture toughness for a particular
material does nct depend on such factorec as the type of alloy, type of product
(plate, sheet, extrusions), specimen orientation, temperature and cor-osjon. All
the statistical data given in thig chapter correspond to laboratory specimens and
the designer implicitly assumes that the scatter in specimen fracture toughness is
identical to the scatter in component fracture toughness., This assumption is not
always correct as pointed out in chapter 6. For designing a component using prob-
abilistic fracture mechanics the necessary probability of survival must be selected
according to engineering judgement.

The second section "Allowance for Varitbility in Crack Propagation Data”
{Anstee) deals with the statistical determination uf variarilities in crack growth
data for constant amplitude and variable amplitude loading., The standard dev.ations
in crack growth data (derived from several tests) are indicated to enable a compari-
son of variabilitier under constant amplitude and FALSTAFF loading for different
materials. These results indicate that the variabilities in crack propagation under
random loading are often more than the corresponding variabilities under constant
amplitude loading., Also the effect of environment on variabilities is provided for
constant amplitude and random amplitude testing of different materials. There is
no evidence of any systematic influence of environment on variability. Pinally,
results on crack propagation in actual structures like aircraft lugs and rotor
blades are used to calculate the stat’ tical variabilities due to the type of com-
ponent., It is found that there is no significant difference in the range of
standard deviations in actual components as compared to simple specimens. Develop-
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transport aircraft. Crack growth characteristics and inspection life are indicated
in most of these examples.

Integral Structures

In the wing structure integral constructiocn is often used instead of sheets
with riveted stiffeners, Here, the residual strength of integrally attached stiffeners
in a plate is derived using Poe's results for riveted stiffeners. It is shown that
for flat panels the predicted crack growth characteristics compare well with experi-
merntal results. However, wida differences vere indicated between experimental and
theoretical results in the case of curved panels vhich are attributed to load
biaxiality and panel curvature.

Forgings Including Landing Gear

Porgings are single load path structures and hence can cause cats:trophic
failures due to crack arowth. Here the special fracture characteristics of forgings
used in wing spans, root ribs, bulkheads, wing or empsannage attachment fittings, etc.,
are presented, It is noted that tha scatter of fracture toughness values of speci-
mens cut from the forgings is often more than the scatter seen in laboratory speci-
mens. Also the assumption that at squal AKX and R, the crack propagation in the speci-
men and the componant are equal, is not always true in the case of forgings,

Interesting examples o0f test results from actual forgings of discontinued
aircraft components are presented, 1In the case of certain nose landino gear struts,
different struts having cracks of similar sizes and shapes produced widely differing
failure loads, Also, a scatter of 117 or 1:5 was noticed in the crack propagation
period; forgings with a long fatigue Life often had a very short crack propagation
period and vice versa. .In several load sequences the Willenborg retardation moudel
gave unconservative results, Framples presented i: ~lude forged wing attachment
fittings, hinge rib forgings and full rcale fatigums tests on a main landing gear.

Patique Crack Propagation i/nder Variable Amplitude Loads

After a brief review of the fatigue crack propagation under constant loads,
the different aspects of variable amplitude load fatigue are discusmned, Methods for
c8lculating crack propasetion under variable loads are given, including an assessment
of the currently used caiculation procedure, Tast results ara given for various com-
ponents and it is concluded that Willenborg and Whealsr models may not always give
conservative results; while the Porman equation is always on the safe side (when wide
fluctuations {n the mean stress of the load sequence are taken care of by providing
additional load cycles).

Accounting ror Variability in Materiale Performanc

Since the numericnl values of material properties such as fracture toughness
and fatigue crack growth rate exhibit considerabie scatter, their appropriate design
values have to be determined using atatistical procedures, Statistical methods to
sceount for variahflities in fra._ture toughness da:a anu crack propagation data are
discussed in both sections of this chapter.

The first section, “"Treatment ot Scatter of Fracture Toughness Dats for
Design Purposes” {Schut;) deals with the treatment of scatter in fracture .oughness
velues and emphasizes that & successful statistical analysis depends on a proper
choice of the input data, Coeffi-ient of varfation in fractu:e toughness and the
statistical mean velue for fracture toughness are evaluated for several alloys and
plots are jiven which indicate the expected wmean fracture toughnass values for
several heats of the same material.

The coefficiant of varistion in fracture toughness for a particular
naterial does ncot depend on such factors as the ty:r«o of alloy, type of produce
(plate, sheet, ext-.usions), specimen orientation, “~amperature and corrosion. All
the statistical “ata given in this chapter corraspond to laboratory mpecimens and
the desiqgrer implicitly assumes Lhat the scatter in specimen fracture toughness tis
identical to the scatter in componen: fracture tcughness. This assumption is not
always correct aa pointed out in chapter 6, For designing & component using prob-
abilistic fracture mechanics the neressary probatility of survival must be selected
according to engineering judgement.

The second sectinn “Allcwance for Variability in Crack Propagation Data®
(Anstee) dealn witi. the statistical determination of variabilit‘ew {n crack growth
data for constant amplitude and variable smplitude losding, The standard deviations
in crack growth uata (derived from several tests) are indicated to enable a compari-
son o? .arjabllities under constart amplirude and FALSTAFF loading for d{fferent
materirals, These results indi~ate that the variabilities {n crack propagation under
random loading are often more thsn the corregponding vartabilities under ~onstant
amplitude losding, Also the affect of environment on variabilities is provided for
constant amplitude and random amplitude tasting of Aifferent materials, There is
no evidence of any systemat‘c influence of anvironment on variability., FPinally,
reaults on crack propagation in actual sctrerctures like aircraft luqgs and rotor
blades are used to calculats the statistical variabilities due to the type of com~
ponent., It ie found thet there is no significane difference in the ranqge nf
standard deviations in actual components as compared to sisple specimens. Develop-
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ment of crack growth curves for design purposes poses a particular problem due to
the demonstrated graater variability in crack growth rate as compared tc the vari-
ability in total 1ife.

An _Appendix on statistical terms and methods used in analyzing experisental
data is also included.

Application of Practure Mechanics to Stress Corrosion Cracking

It is indicated that a number of landing gear failure in aircraft were due to
stress corrosion cracking, making this an isportant field of study. A method for
predicting potential crack size under stress corrosion cracking is presented here which
was originally arplied to assess the structural integrity of a primary component of
the Saturn 18 space vehicle. Also, methods are suggested to determine the required
inspection period for stress corrosion cracking, Typical valuer of stress corrosion
cracking parameters are given for ccmmonly used asirframe materials and incorporation
of these data int. damage tolerance analysis is discussed.

Simple Methods 0. Determining Strese Intensity Fact' ts

Here various te~hn.queus to estimate the stress intensity factors of complex
crack problems from simple cases are indicated which include a superposicion
principle, Green's function method, weight functions approach, stress concentration
approach, and compounding techniques specially applicable to stiffened striuctures.

These methods provide quick and accurate solut'ons for many practical crack configu~
rations.

An overall view of the information in this AGARDOgraph strongly indicates
that it is the product of close collaborstic. between the practitioners and re-
searchers in Practurs Mechanics applicatior tc aircraft structurss, The sdvantages
of such close col'aborat.on are evident in .lmost all the chapters in this AGARDOgraph,
It is Dhoped that the publication of “his manual will stimulate further cooperation and
collaboration to advance the state of ‘e art in the significantly vital area of
fracture mechanics design methodology in aircraft structures.
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2. ENGINE COMPONENTS
T. A, CRUSE
SUMMARY

The chapter describes some of the major areas of fracture mechanics app!ications to aircraft ga< tur-
bine engine component amalysis. The rotating disk structure is treated first due to its primary structural
importance. While crack initiation and crack propagation are important design concerns for disks, only the
propagation portion {s discussed in detail. Disk crack problems which are described inciude growth of in-
tarna) cracks due to defects and growth of surface cracks following initiation. The turbine airfoil is the
second most mature area of fracture mechanics analysis and is briefly described in this chapter. Finally,
2 brief sumary of a turbine disk fracture mechanics problem is presented.

SYMBOLS
At crack s’'ze parameters
c Material constant
0, Applied, cyclic strain
K,AK Stress frtensity factor
R Stress ratio (min. stress/max. etress)
¢, A¢ App lied, cyclic stress

2.1 INTROOUCTION

Practical applications of fracture mechanics to engine components is not a widely developed topic.
Generally, suck applications have emphasized failure analysis rather than design activities, However,
some engine component design models have Leen developed using fracture mechanics methods. The most fully
developed is the critical engine disk structure. The second component is the turbine airfoi! which
impacts performance and maintenance costs. Additiona! components such as combustor liners and engine
cases are begiming to recefve attention.

The present chapter, therefore, emphasizes the disk low cycle fatigue 1ife prediction problem in
some detafl. Fallowing the disk problems is a description of some fracture mechanics methods for turbine
blade airfoll 1ife prediction. An example problem from Ref. (1) is then summarized.

2.2 TURBINE DISK CRACK GROWTH SIMULATION
2.2.1 Crack Initiation and Crack Propagation

Fatigue 1ife prediction for gas turbine engine structures may be simplified for most purposes into
two distinct problem classifications: inftiat‘on of macrocracks at highly stressed locations in defect
free material; ond propagation of macrocracks in large volume, moderately stressed locatfons containing
a statistica) distribution of inherent defects. The fracture mechanics design prodlem for inherent de-
fects s discussed further on,

Crack initiation i3 generally taken to hs the generation of 3 surface related crack of sufficient
size to be relfably detected in service, In disks, this size is approximately 0.030 inch surface length;
smaller initiation sizes may be required in locations such as certain disk rims where vibration stresses
can cause raptd crack growth, Inftiation of surface macrocracks is a complex problem which is not fuylly
understood. Sowe portion of the initiation Yife 1s required to generate single or multiple microcracks
by metallurgical dissipation processes. These microcracks generally jrow intermittently before one crack
dominates the others. The remaining, and often the greatest percentage of, tnitfation cycles propagate
the small crack. It 13 not yet clesrly established that this microcrack propagation phase follows the
standard elastic fracture mechenics models of crack growth,

it has been estadlished through experience that fracture mechanics modeling cam be used effectively
to predict the subsequent growth of surface macrocracks in disks after fnitiation. The equally important
inftistion problem 1= almost aiweys treated on a strictly empirical basis (see Ref. 2). Considerable
further research {s required in order to establish a more mathew:*ical modeling basis for microcrack
growth. Major issues as to the spplicability of fracture mechanict vethodology, surface retardatfon due
to machining effects on residual stresses and hardness, myltiple ini*fation snd crack interaction, and
inspection capabilfties need to be sddressed. This paper focuses on the design analysis of crack growth
in gas turdine engine structures, following the crack inftiation phase.

2.2.2 Restdual Life for Disk Bores

Fracture mechanics fallures of disks for early commercial gas turbine engines were experic» =4 in
Timited numbers and forced a change in the fatigue 1ife prediction methodology and processing techniques
for these disks. It had been assumed that the disk fatigue 1ife could be characterized by the usual
spac imen-based fatigue {Initiation) data assocfated with surface stress Inftisted cracks. However, exam-
fnatfon of these early failures showed that fatigue crack growth sssoctiated with a buried intrinsic de-
foct wa3 the source of the preamature disk fractures, as shown in Figure 1. Such inherent defects were
not present in the population of fatigue test ipecimens due to the much smaller volume of sampled mater-
1al,

It was soon determined that the nature of the internal defect was that,regardless of fts inittial
shape and orientation, the defect inftiated a circular, buried crack which grew transverse to the prin.
cipal normal stress direction. Simple fatigue 11fe calculations for growing circuler cracks ~onfirmed




BT P

23

that the cracks were growing progressively through the entire engine operating life. These earliest disk
fractures, described briefly in Ref.(3),were associated with calcium aluminide inclusions in the air-
melted AMS 6304 compressor disks. :

As a result of these early disk fractures, Pratt &k Whitney Afrcraft (PAWA) initiated extensive stu-
dies to characterize the buried defects in currently used titanfum and nickel-base engine disks. The
problem of buried defect characterization is particularly difficult because of the small defect sizes
associated with current alloys and processes, as well as the large quantities of material that must be
sectioned to obtain sufficiently complete histograms of defect sizes for clean disk alloys. Nickel
dicks, for example, contain inherent, process dependent inclusions such as carbide precipitates (0.001
inch), melt formed carbides (0.003 inch), oxides formed from dissolved oxygen (0.007 inch), accidental
inclusions such as mold fragments (0.10 inch), and processing voids {0.10 inch) as described in Figure
2. The population distribution of inherent defects 1s not unimodal; further, the role each of these de-
fect types play in crack initiation fs not unimodal due to such issues as whether a critical initial
size exists for very small defects, defect orientation and shape, residual stresses around defects, and
other microstructural questions. .

The fracture mechanics fatigue 1ife prediction for inherent cracks is based on three elements. The
first two, described above, are the specification of the distribution of inherent defects, and the iden-
tification of the stress cycle based on a mission analysis. Major idealizations are required for both of
these elements. Inherent defects are assumed to be equivalent to circular buried cracks of a reiatable
size. Also, it is assumed that the largest crack that can occur in the fleet of disks is just smaller
than the detection 1imit of the NDI method used (e.g., ultrasonic inspection). The mission is assumed to
result in a simple stress excursion ( Ao ) at isothermal conditions with no rate effects; subcycle dam-
age is taken to be linearly additive to the major cycle damage.

The third element is, of course, the fracture mechanics model. Given an fdeal circular planform

buried crack, it is possible to utilize linear elastic fracture mechanics results for the cyclic stress
intensity factor

AK =4 doFT (1)

Further, the crack growth rate, da/dN, 1s assumed to be uniquely related to 4 K, as characterized by
standard laboratory testing.

Crack growth prediction for a given level of stress cycling defines the rumber of cycles to grow an
fnitial crack to its unstable size. The fatigue life analysis is then based on maintaining a disk stress
level below that necessary to achieve an adequate number of flight cy. -es. However, {f the largest un-
detectable crack is assumed to be present in each disk, the mode! will be #xcessively conservative. Thus
fatigue design for inherent defects requires the use of statistical medeling.

Statistical varfables in the Jdisk fracture mechanics model include the defect cize and material
crack growth rate. Associated variables, such as crack truncation stze {inspection 1imit) and fracture
toughness, are taken to be deterministic variables, as is the cyclic stress range. Monte Carlo simula-
tion techniques are used to develop S-N curves for the fracture mechaniCs problem, as shown in Figure 3,
by selecting a design level of risk.

The baseline simulation in Figure 3 is accomplished using the indicated distribution coefficients.
Inherent crack size and crack growth rate data are taken to be log normal for the Monte Carlo simula-
tion, Assigned risk is taken to be a probability of fracture of one part in one thousand. The additional
curves fn Figure 3 have been generated to show the sensitivity of the design curve to same of the prin-
cipal statistical uncertainities.

A nonlinear crack growth equatfon 1s used for the simulation in order to simulate the near-threshold
crack growth rates more accurately. The accuracy of the fracture mechanics mode)l for small cracks {s
more important than accuracy at higher values of stress intensity factor. As a result of the growlh
mode! used, the influence of Kjc on the fatigue life curves in Figure 3 1s an exsggeration of reaifty.
Ev?n w?t; :Ms, it 1s seen tha{ Kjc does not have & mejor influence on fatigue life, except for low
values of Xic.

Further, it can be seen that the effect of crack size truncation level on the fatigue 1ife is limit-
ed to those sizes near the thresmld level of a ?iun stress cycle. Thus, the defect distributfon and
the crack growth rate distribution sre the principal statistical variables for fracture mecharics life
prediction of disks.

2.2.3 Life Extension for Notches in Disks

2.2.3.1 Fracture.Mechanics Analysis for Surface Cracks

The elastic fracture mechanics analysis of surface cracks requires numerical analysis. Some of the
snalysis methods to be used include singularity finite elements (Ref, 4), alternating technigues (Ref.
5), and the boundary-integral equation (BIE) method (Ref. 6). [t is not appropriate to descride the
;:::tweﬂerit;tof each method; the BIE method has been successfully used for design purposes at Pratt &

ney Aircraft.

For fatfgue simulation purposes, it has been establizhad that LCF surface cracks fn turbine disks
may be treated as semi- or quarter-ellipses. This has the benefit of reducing the numerical task by
reference of the numerical results to the analytical soiution for the buried elliptica) crack given in
Ref. 7. The 81E-generated numerical results for elliptical surface cracks are given in Ref, 8, and
fllustrated herein in Figure 4, for the case of simple, uniform tensile stress normal to the crack plane,
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2.2.3.2 Meight Function Simulation for Surface Cracks

Desfgn simulation of surface crack growth in complex geometries requires an efficient means of ac-
counting for local etrically-induced stress (strain) variations. The weight function method for two
dimensional cracks {Ref. 9) has been successfully extended to three dimensional, surface cracks (Ref.
10). An exarple problem concerns a corner crack at a hole, as shown in Figure 5 taken from Ref. 11. Ex- ‘
perimental results for crack growth of this geometry were reported in Ref, 12 for Plexfglas; comparison 1
of the experimental and weight function data is given in Figure 6. Application of this technigue to L
turbine disks is shown in Ref. 13.

2.2.3.3 Definition of Local Stress Ratio

The local stresses at a turbine disk notch are generally loaded beyond the elastic limit. When this
occurs the effect of plasticity is to cause a shift in the mean cyclic stress and the stress ratio, as
shown in Figure 7. The gradient in local stress ratio is generally along the notch radfal direction
witn no gradient normal to the transverse-notch plane. LCF crack growth simulation can account for this
through the use of the resulting local stress ratio in a modified stress intensity factor given as

akeer = {orc e 0 -} ax @ :

In (2), the constant C is determinred by laboratory testing at appropriate, constant values of R, the
stress ratio.

!
+
2.2.4 Surface Crack Initiation Simulation :

Inherent defect crack growth is generally limited to reginns of the disk where large volumes of ma- 1
terfal are subjected to moderately high stresses, such as the disk bore or thick web regions. Surface !
crack inftiation and propagation is the important fatigue life problem at disk notches. A major unre-
solved research issue is the determination of the amount of fatigue 1ife for a surface crack that fis !
microcrack init{ation and how much is propagation that can be modeled using standard fracture mechanics
techniques. Physical evidence of microcrack initiation is generally difficult to document.

Figure 8 shows a notched fatigue specimen used to simulate a fan disk bolt hole, together with a
photo micrograph showing the fatigue fracture surface. It is seen that multiple microcracks were initia- .
ted in a surface 2one; one of these microcracks subsequently grew to critical size and caused net sec-
tion fracture. Detailed examination of the crack origins supported the contention of natural metallurgi-
cal crack inftiation from » size associated with the a-phase of the titanfum alloy (0.0003 fnch typi-
cal). Unfortunately, striation indicat‘ums -ere very limited and could not be used to support the use cf
fracture mechanics modeling of crack growth juring the microcrack phase.

Surface crack initiation and early growth was modeled for the bolt hole specimen showm in Figure 8 .,
The variable stress field for the K-factor determinations and the R-ratio data for the crack growth
models were taken from the data in Figure 5. The initfal flaw size was taken to be 0.0003 inch, the ap-
proximate size of thea-phase microstructure. Crack growth simulation resylts for various stress analysis
models are showm in Figure 9; no attempt was made to adjust the initial crack size in order to correlate
the actual specimen failure data, Use of the elastic stress field at the notch is the most conservative
assumption for crack growth modeling, The most realistic model includaed the variadble local R-ratio for
the elasto-plastic stress distribution.

Microcrack infttation and growth are strongly influenced dy surface residual stress and hardness, |t
was shown in the study reported in Ref, (2) that the plastic work hardening of the surface layer had to
be accounted for in correlating crack initiation data, It was further shown in Ref. (14) that this sur-
face effect was apparently a major problem in predicting the surface length and aspect ratio for small
surface cracks. further, the appliicadbility of elastic fracture mechanics models to small surface cracks
in elastic stress fields has not been established. Finally, the growth of surface macrocracks may often
be the result of the initiation, interrupted propagation, linkup and growth of surface microcracks. D{f-
ficult experimental developments are required in order to resolve many of these remaining problems.

2.2.5 Cumulative Damage Problems

1t is generally recognized that a maximum stress excursion may retard subsequent cyclic crack growth
due to the large plastic zone created by the overload, Gas turbine en?"n structures generally operate
st stress levels close to the maximum safe operating stress for tensile failure (burst). Thus, most com-
plex cycle stress excursions involve stress cycles at a nearly fixed value of peak stress with different
valves of minimum stress (see Ref. 2), In such cases, crack growth follows the usual linear damage,
superposition models,

However, for exceptional situyations, the retardation effect of plasticity, or the acceleration ef-
fect of creep must be inciuded. Generally, these effects are accounted for in the empirical crack growth
mode] used, and are considered beyond the scope of this chapter. Recent publications by researchers
within the gas turbine engine industry (Refs. 15, 16) address the empirical modeling problom,

2.3 TURBINE BLADE AIRFOIL CRACK GROWTH SIMULATION
2. Thermo-Mechanical Fatique (TMF) Cycle Definition

Turdine airfoll durability 1s a complex, multifaceted problem due to the extremely ressive ther- 1
me1 environment in modern, high-powerad gas turbine engines, Dur$n8 a typical flight cycle, the turbine
airfoil may %e subjected to maximum temperatures in excess of 1800°F, high rotatfonal inertia loads,
high frequency vibration, corrosive and erosive products of combustion, and occasional impact due to




hard carbon particles. Continuing demands for increased engine efficiency and fuel economy will be sat-
isfied through higher turbine inlet temperature and rotational speeds; these increases must be satisfied
with improved turbine dl:de durability in order to reduce engine maintenance cosis.

In order to achieve the necessary turbine airfoil durability in large engines, the high pressure
turbine (HPT) blades are generally cooled by compressor air, as shown in Figure 10. In addition, advan-
ced nickel-base superalloys are used for their creep and fatigue resistance; further, the turbine blades
are generally coated for corrosive resistance., The two cooling schemes shown in Figure 10 are typical;
detailed aspects of the cooling configuration result from the trade-off of minimum cooling air for the
necessary turbine blade life.

Many of the turbine airfoil durability problems are not directly related to fracture mechanics
modeling. Most design concern with structural 1ife prediction is associated with creep/fatigue interac-
tion crack initiation, as described in Ref. (17). However, coated airfoils are sometimes 1ife limited by
crack growth, as described in the following sections.

Structural life prediction for turbine airfolls requires a detailed definition of the local stress,
strain, and temperature history within the airfoil for various times within the flight cycle. Missinn
analysis begins with detailed gas flow and heat transfer calculations. Turbine airfoil temperatures are
computed from the external hot gas flow and the internal cooling gas flo: using the appropriate boundary
layer heat transfer models, The temperature and rotational speed flight cycle history data form the
basis for the theruomechanical fatigue {TMF) cycle definition.

In those airfoil 1ife prediction problems requiring greater accuracy, the airfoil is modeled with
three-dimensional, elastic finite element tools. A series of stress and strain calculations for various
time points in the flight cycle are performed using the temperature data and rotatfonal speed for each
time point. The airfoil temperatures are nonuniform, even if the highly local temperature distribution )
at film-cooling holes is neglected; the resulting thermoelastic strains are the major source of the air- .
foi) life 1imiting loads. :

Figure 11 shows the variation in local strain-temperature history for a turbine airfotl location,

including the coating on the outside and inside of the airfoil. It s seen that this TMF cycle, genera- 3
ted during takeoff, crufse, and idle engine operation, can be characterized by a simultaneous cycling of ;
strain (increasing or decreasing) with cycling of temperature. The complex TMF cycle is generaily sim- )
plified to two cycle shapes characterized by the maximum and minimum cycle temperatures, cycle slope
(increasing or decreasing strain with increasing temperature), mean strain and strain range. These
cycles form the basis for specimen characterization of airfoil fatigue life.

2.3.2 Fracture Mechanics Analysis

2.3.2.1 Convection Cooled Airfoils

Fracture mechanics modeling for convection cooled airfoils is essentially two-dimensional. Early in
the fracture mechanics 1ife of the airfoil, surface cracks initiate in the coating transverse to the
maximum cyclic strain direction. These cracks rapidiy develop a large aspect ratio (length to depth) and
then propagate into the base metal. The edge crack problem is the simple plane strain solution using
local strains rather than stresses.

aK, = 112 yfrc (8eg + 8¢y) | (3)

In Eq. (3), the crack depth is denoted by 'c', and the local strain field is broken into the trans-
v:rse tensile strain (e¢,) and the wall bending strain (ep). Finite thickness effects on (3) are easily
obtained.

S A s e e e S o M N e S e St 1 et

The crack growth rate data for computing the fatigue 1ife for Eq. (3) fs generated using TMF cycle
crack growth testing, as discussed under Crack Growth Rate Data Generation. Initfal crack size data can
be taken to be the coating thickness for conservztive design puposes, Figure 12 shows the general agree-
ment between analysis and field data that can be achieved using this fracture mechanics model.

2.3.2.2 Film Cooled Atrfoils

S NS S

Unliké the convection cooled airfofl crack, the film cooling hole induces essentially three-dimen-
sional cracks at the acute corner of the cooling hole. The difficult three-dimensional fracture mechan-
ics problem is further compounded by the three-dimensional stress and strain field near the cooling
hole, under complex TMF cycle loading.

These modeling difficulties preclude the development of a cost effective fracture mechanics analyti-
cal model of reasonable generality. Thus, a semiempirical approach has been developed and reported in
Ref. (20). Extensive testing of representative coaling hole geometries in flat plates with material
whose crack growth rate was known forms the basic of the empirically defined stress intensity factors.
Anaiytical corrections were reported for the effects of hole spacing on local strain and crack interac-
tion, biaxfal and bending loads, surface curvature, and other geometrical terms.

The TMF crack growth rate data used for the life prediction calculation is discussed in the next
section. Ref. (18) shows that cracks with initial depths given by the coating thickness can be analytic-
ally grown in TMF; the results show good correlation with results obtained on prototypical atrfoil speci-

mens.
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2.3.3 Crack Growth Rate Data Generation

The results of flight cycle analysis of turbine airfoils clearly establishes the need to simulate
the TMF cycle in crack growth testing. Tubular, strain controlled specimens are used in the test repor
ted in Refs. (19, 20). The temperature and strain cycles are independently controlled using induction
heating und a servohydrauiic test machine. Cooling is achieved using compressed air passed through the
interior of the specimen. )

TV testing of the precracked specimens is accomplished using the idealized cycles described above.
The cycle variables include maximum and minimum values of strafi :nd temperature, cycle slope, and mean
strain. Test data reported in Ref. (18) for isotropic airfoil materiais showed that the crack growth
rate for fixed strain cycles was independent of the mean sirain and mean stress levels. Thus, the crack
growth modeling reported above fs restricted to a strain intensity factor approach.

Since certain locations of the airfoil are subjected to nominal creep during the airfoll life, this
effect vas also investigated in Ref. (i8). Creep was simulated by perfodic incrementation of the mean
strain to a level of about one to two percent during the life of the specimen. The effect of superimpo-
sed creep was to introduce multiple secondary cracks, parallel to the primary crack. Some increase in
crack growth rate was noted but the results were not conclusive, as shown in Figure 13.

Advanced afrfcil materials are anisotropic including directionally solidified (DS) and single cry-
stal, nickel-base siuperalloys. Ref. (20) shows that the TWF crack growth rate 1s strongly influenced by
grain rientatior in DS alloys. The strain iitensity factor level gave crack growth rate variations of
nearly an order of magnitude according to grain orientation; further, the cracking mode was seen to de-
pend on the level of K together with grain orientation. However, it has been possible to correlate the
varfous crack growth rate data for the DS tests in Ref?. (20) through the use of the anisotropic elastic
modulus dependence and its implications for single crystal behavior is the subject of ongoing research.

2.4 APPLICATIONS TO REAL STRUCTURES
2.4,1 Example: Turbine Disk Fracture Mechanics Design Problem
2.4,1,1 Step 1: Perform Mission Stress/Thermal Analysis of Turbine Disk

Fracture mechanics models for fatigue life prediction correlate crack growth rate data for various
geometries based on the cyclic range of the stress intensity factor (K), the cyclic stress ratfo (R »
minimum stress/maximum stress), and component temperature. Such a local definition of operating condi-
tions results from the component mission simulation analysis. An example problem has been selected from
Re?. 1 for the case of the JT8D-17 hioh pressure turbine disk shown in Figure 14,

The major operating concerns for the turbine disk inFigure 14 include centrifugal stresses due to
rotation, thermal stresses due to exposure to compressor discharge cooling air, and local stress concen-
trations, such as the drilled cooling air supply hole. As a result of the combined loading conditions,
the 1imiting low cycle fatigue (LCF) location is at the cooling air hole exit in the disk rim slot. The
detailed disk geometry is shown in Figure 15.

Prediction of the Yocal disk operating conditions requires a thermal and aerodynamic system analysis
of the engine ror a given flight profile and flight environment, as shown in Figure 16.Following mission
thermal cycle analysis, the detailed disk temperature history may be computed based on standard heat
transfer anaiysis, together with estimates of the aopropriate boundary conditions. Figure 17 shows a map
of the JT80-17 disk cross-section that was used in a finite difference thermal analysis computer pro-
gram, The results of the thermal analysis for the disk bore and rim locations are shown in Figure 18.
Finally, by combining the mechanical loads and thermal loads, the nominal disk stress history for the
selected mission can be computed, see Figure 19.This load history together with a local model of the
cooling afr hole provide sufficient information to undertake fracture mechanics l{fe prediction.

2.4.1.2 Step 2: Predict Crack Growth Rate and Total LCF Life

Surface crack growth for the JT80-17 cooling air hole problem has been taken as the application
problem, from Ref.(1).The disk geometry and mission analyses were reviewed in Figures 15 through 19.Ini-
tiation of a surface crack was predicted for the location shown in Figure 20. The present discussion

concerns the predicted subsequent LCF growth of this surface crack. All necessary material properties
for the analysis are given in Ref. (1).

LCF growth of the surface crack was predicted using the 7009 (S000F) data dased on the mission
analysis results. A substantial subcycle in the hoop stress occurs in the rim, as shown in Figure 19.
This subcycle was treated as being equivalent to a major load cycle as the subcycle is within 10 percent
of the major cycle range, thus giving two load cycles per flight.

The surface flaw was assumed to be semi-ellfptical in shape and the or{entation of the flaw was such
that the plane containing the crack was normal to the local stress field. The growth of the surface flaw
was modeled as If the disk was an infinite width structure; this assumption is viewed to be valid for a
surface flaw depth less than or equal to three-fourths of the finite structura) width. The inftial crack
aspect ratio of a/c = 0.48 was obtained by analytically growing to the 0.079 om (1/32 inch) surface

1em,t;th :;-on an 0.01 om (0.004 inch) surface length crack. Local stress gradients define this initial as-
pect ratio.

The local stress concentration factor was 3.45 with a peak nominal stress of 3.10 x 108 N/
{#44,9 ks1). Stress variations in the engine axial and rotor radial directions were estimated from finite
clement analysis. LCF crack growth simulation results for R = 0 sre shown in Figure 20, based on the
weight function design method in Ref, (9).

"y
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2.7

2.5 EVALUATION OF APPLIED PROCEDURES AND RECOMMENDATIONS

The extensive modeling capabilities of fracture mechanics have been shown to be applicable to a num-
ber of gas turbine engine design problems. Further examples include static structures in engines, which
are just now being modeled with fracture mechanics methods. It must be recognized, however, that the
complex environment within the engine not only makes the use of these models difficult for the designer,
but also makes acquisition of substantiation data expensive and, in some cases, beyond instrumentation
capability.

1t must also be pointed out that the safe life of rotating engine structures is generally basod on
crack initiation modeling. Advanced material developments emphasize high strength materials with good
LCF inftiation properties, often to the detriment of the crack propagation properties. Use of fail safe
design ?hﬂosophy for these problems involves potential performance/cost risks that may mitigate against
its appliication.
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3.1 INTRODUCTION

The major part of an asircraf¥ structure consists of built-up panels of sheets and stringers, e.g.
wing and fuselage skin panels; spar webs; skin and stiffener doublers. Past experience has shown that
despite all precautions cracks may arise in any of these structural elements. Cracks will reduce the
stiffnegs and the load carrying capacity of the structure, and because in built~up structures any element
is essential for the functioning'of the structure as a whole, the possibility of cracking must be taken
into account early in thé desigrn stage, i.e. the designer has to make his concept "damage tolerant”.
With a view to this the task of -the designer is twofold. On the one hand he has to ensure that the chance
of creck initiation will te minimized, and that if cracking occurs it will do so as late as possidle in
the service life and the cracks will grow very slowly so that repair will be minimized, This can be
achieved by a well-considered detail design (avo.dance of holes, cut-outs,sharp angles, sudden cross—
sectional changes and eccentricities in components subjected to tension); by a good arrangemert of
structural elements; and by choosing material with good fatigue and crack propagation properties. On the
other hand, the designer of a damage tolerant structure has to guarantee safe operation of the aircraft
assuming a crack of a certain size to be present. To do this he has to be able to predict the fatigue life
until final failure, starting with a certain minimum (= detectable) crack length. Purther, he has to be
able to demonstrate that a specified load (usually equal to limit load) can still be carried by the structure
with & certain amount of damage being present (e.g. a two-bay skin crack with or without failure of the
central stiffener). In other words, the crack propagation and residual strength capabilities of btuilt~up
structures have to be demons -ated to meet certain requirements early in the design stage of the aircreft.
The foregoing implies that + . designer is expected to have analytical and/or experimental tools available
to demonstrate that his desi 1 meets these damage tolerant requirements. The present chapter deais with
the latter part of the desig. ar's task, i.e. prediction of residual strength and crack propagation properties.
In the past, fracture mechan:cs has proved to be a valuable means to determine these properties. How "
designers applied fracture m:chanics in recent projects and how it can be applied in future designs will
be discussed here,
The reader of this chapter i.: assumed to have some knowledge of fracture mechanics. Background reading on
fracture and the fundamentals of fracture mechanizs can be obtained from textbooks published by Broek (1],
Knott [2) or from a special issue of the Journal of Strain Analysis, written by different specialists in ‘o
this field (3] . .
When a crack occurs in any element of a built-up structure,it is characteristic of this type of structure
that it has the ability to transfer load from the cracked to the intact elements, thus relieving the most
critical part of the structure. Conceivadbly this interaction of intact and cracked elements will be
essential for the residusl atrength and crack propagation behaviour of the built-up structure as a whole.
In the litcrature a reasonable amount of information ~an be found dealing with this subject. A review of
that literature will bs given in section 3,2 of this chapter.
Pollowing on from section 3.2, the residual strength and crack propagation behaviour of built-up structures
are discussed in sections 3.3 and 3.4 respectively. At the end of each section a number of practical
exarples are corpiled that illustrate residua! strength and crack propagation analysea of skin-stringer
combinations nade available by various sources. In the heading of each example the source is mentioned.
The examplss are presented as much as possible in their original tut edited form to give full credit
t0 the contritutnrs, It is emphasized that the way of presentation, the contents and conclusions are the
responsibility of the contributors. Each example is followed by some concise editorial comments.

3,2 INTERACTION OP REINFORCING AND CRACKED ELEMENTS IN A BUILT-UP STRUCTURE ‘

When a crack occurs in any elsment of a builteup structure one or more nearby intact elements will
usually take over some load from the cracked component. Depending on the type of design, this lcad transfer
will occur directly after initiation of the crack (e.g. a crack in one of the layers of s multi-ply
laminate) or after some growth of the crack (e.g. 8 skin crack initiating at a stringer runout and propa-
gating towards intact stiffeners). In other words, contrary to a monolithic structurs, the tuilt-up !
structure has the ability to transfer the load from the cracked element along an alternate load path, :
thus reducing the severity of the stress condition at the crack tip of the severed element. In general
this load transfer will result in a higher failure stress of the built~up component as compared to that
of a monolithic structure of the same dimensions and with the same cracv sise. However, owing to the local :
overload in the intact elements one of these elements may fail abruptly and completely (owing to its !
limited static strength) or become cracked as well anl fail after some time. In such cases the effect of f
the additional load carrying elements on the stress condition at the crack tip will te detrimental,
because of the pulling-open forces exerted by the failed component on the cracked part. These alternative |
possibilities imply that an accurate appraisal of the amount of interaction of the intact and cracked :
slements in a built=up structure is essential for prediction of the residual strength and crack propagation
properties of the built=up structure as s whole,

Because most built-up structures in an aircraft consist of sheet (skin) reinforced by stiffening elements,
and the skin usually commences to crack first, the configuration of & cracked skin provided with an intact
utiffener is commonly used as 3 model for the interaction of built=up sheet structures. In some cases the

effect of a partly or completcly failud stiff'ener on the stress condition at the crack tip is considered ‘
(see literature review further on in this section),

3.2.1 Application of fracture mechanics in general

In elastic fracture mechanics it is usually assumed that the stress condition at the crack tip
is governed by the stress intencity factor, K. Por an unstiffened centrally cracked sheet X ia defired by

K~t (a/W) ., oVma (1)

whers o is the gross stress remote from the crack, a is the half crack length, W is the panel width

and f(a/W) is a factor accounting for limited panel size, Cracks in aircraft structures are generally
limited to a amsll fraction of the panel width, and so the correction factor is close to unity. For this
reason this factor will be ignored hencaforth in the expressions for the strees intensity factor. More
information roncerning finite width correction factors can be found in texthooka on fracture mechanics
(for example (1] ).
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In the literature the effect of the stiffener(s) on the stress intensity at the crack tip is usually
expressed by the velue of the "stress intensity correction factor”, C(a), defined as the ratic of the

stress intensity factors of the stiffened ( ) and the unstiffened panel ( } at the
Sene cracs Tesaihe or XS rIPPENED K NS TIFFENED

o(a) = XS i rrENED

(2)
TIFFENED

The smount of overlocd in the atiffener(s) due to the presence of the crack is usually expressed by

the value of the "stiffemer load concentration factor", L(a), defined as the ratio of the stiffener loads

occurring in the region of the crack (Pw) and remote from the crack (Pm), or

Paax
La) - g )

In the literature many publications dealing with sheet-stiffener interaction are available. Much less
numerous are the publications dealing with the interaction in laminates and sandwiches. A review of the
various publications on the crack-surroundinge interaction in built-up sheet atructures is given in

the following sections. It is emphasized here that it is not the author's inmtention to present quantitative
results published in the different references reviewed. The aim of the reviow is simply to let the designer
imow whers and what is to be found in the literature avasilable on this subject.

3,2.2 Pirst approaches to sheet-stiffener interaction problem

In this sub-section a historical overview of the first approaches to sheet-stiffener interaction
is given. Table 1 shows schematically the configurations studied by various investigators together
with the assumptions made.
To the author's knowledge the first publicaticn on this subject is from Rommaldi, Frasier and Irwin (4).
Their work presents examples illustrative for the calculation of K in a cracked sheet with riveted
stiffeners. Two crack locatione are considered, viz. a crack symmetrically located at a stiffener, and
between two stiffeners. The stress intensity factor is computed by considering the stress situation for
a crack in a stiffened panel as that of an unstiffened sheet with superimposed fields of stress due to
the rivet forces (see Pigure 1). For that purpose the magnitude of the rivet forces has to be known.
Romualdi computed the rivet forces from analytical equations expressing the consistency of displacements
in sheet and stiffener at the rivet locations (see Figu-e 1), The stresses and displacements in the
cracked sheet were found with the aid of a stress function suggested by Westergaard (5] . When the rivet
forces are known, the total K-value is found by superimposing the K solutions for the different siress
systens. The K-values found in {4] illustrate that the riveted stiffeners for both crack locations serve
as effective crack stoppers. The calculations were checked experimentally by employing straingauge
techniques for the measurementi of the total strees intensity at the crack tip. Satisfactory correlation
between analysis and tests was obtained, The principles of the work in [4) were further developed in
later publications by Romualdi and Sanders (6,7,8] . It has to be noted here that the work of Romualdi
et al, in fact has been the basis for most of the analytical procedures developed later by other investigators.
Independently of the work of Romualdi, reports and articles dealing with sheet-stiffener interaction were
published by Sanders, Greif and Bloom [9,10,11] . Sanders (9] used in his analysis an analytical function
of a complex variable to describe the strese~displacement relations, while Greif, Sanders and Bloom [10,11]
applied the complex variable method of Muskhelishvili {12) . Sanders and Greif {9,10} presenied a solution
for the stress problem of an infinite cracked sheet stiffened by a continuously attached line stiffener
of consiant croes-sectional area. The crack extends perpendicularly to the stringer. Sanders [$] conaidered
the case of a crack extending an equal distance on either side of the stiffener (symmetric crack) and
treats the cagses of a broken and an unbroken stiffener. Creif and Sanders [10] considered both symmetric
and non-symmetric cracks (i.e. a crack located on one side of the stiffener) extending undoer or beside an
intact stiffener. Bloom and Sanders [11] considered symmetric and non-symmetric cracks extending under or
beside an intact or broken stiffener attached tc the sheet by means of equally spaced rigid rivets of
equal diameter. Sanders, Greif and Bloom [9~11) presented their results in the form of curves relating
C and L (wer equations t?) and (3)) to crack length and gtiffneas parametere. In their work C is the ratio
of the stresses o, (x) in the stiffened and unstiffened sheet for x approaching Xii, instead of the ratio
of siress intensity factore. A brief review of the results obtained in [9=11) can ce found in a report of
Viieger and Broek [13] .
While the work of Sanders, Greif and Bloom is related to infinite width sheet provided with only one
stiffener, Isida and his co-workers [14~19] studied mainly the effect of continuously attached stiffeners
on the stress intensity of cenirally cracked sheets of firite widths. Their analysis is based on Laurent's
expansions of the complex stress potentials, where the expansion coefficienta are determined from the
boundary conditiona, The formu'ae for the creck tip siress inteneity factors are presented in the form of
power series of the ratio of crack length to sheet width for various combinations of the extensional and
bending stiffness of the stringers. Numerical results for typical cases are summarized in diagrams.
The analyses performed by Sanders, Greif and Bloom [9-11) and Isids (14~19] were carried cut on panels of
simple configuration provided with only one or two stiffeners. Isida considered in some of his publications
{15,17) panels with more than two stiffeners, but in those casen cracks were present in every other
stiffener bay to account for finite panel width. Poe [20,21,22] published data relating tn infinite wide
panels of realistic design. He examined the effect of multiple stringers on the stresses in a cracked
sieet with crack lergths up to six times the stiffener spacing. The stiringers were assumed to be uniformly
spaced and attached to the sheet by means of uniformly spsced rivets. Poe determined the unknown rivet
forces in his analysis by requiring the displacements in the sheet and atringers to be equal at corresp-
onding rivet locations {in fact the same approach as proposed by Romualdi et al.). The stress intemeity
factor for the cracked stiffened shest was determined by superimposing the solutions of the stress
intensity factor for the rivet forces and for the applied uniaxial stress. Two symmetrical cases of crack
location were considered, viz. a crack extending equally on both sides of a stringer and a crack extending
squally cn both sides of a point midway between two stringers.
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In [20,21) all stiffeners were assumed to be intact, whereas in [22) the effect of various mumbers of broken
stiffeners was investigated. Poe presented his results in the form of deaign graphs, giving stress intensity
factors and forces in the most highly loaded rivet and stringer for a systesatic variation of crack lengths,
stringer stiffness, rivet spacing, and stringer spacing. These make Poe's results attractive for parametric
studies in the design stage of new components, and his results have been frequently used for that purpose
(see examples presented in section 3.4).

3.2.3 Reviews of first approaches and new solutions

In the early seventies a number of handbooks on available solutions to crack problems were publish—
od, namely those of Rooke and Cartwright [23) , Sih [24)-, and Tada, Paris and Irwin [25] . These books
also contain information about stiffened sheets. Rooke and Cartwright (23] devoted a whole chapter of their
compendium to this structural configuration, in which they reviewed the results of Sanders, Greif and
Bloon [9=11] , and some results of Isida [17,18] and Po:EZI] . They presented these results in graphical
form. Sih [24] reviewed in a section on stiffened sheets some results of Isida [19] and Poe [20] , while
Tada, Paris and Irwin only considered the work of Imsida [17] .

Apart from stress intemsity solutions, [24] and [25] contain informstion concerning some methods commonly
used in determining stress intensity factors. A review of the many methods available has been given by
Cartwright and Rooke [26] . Based on this review they came to the conclusion that it will often be time
and costly to obtain stress intensity factors for complex configurations and that there was a
need for simple methods of obtaining approximate solutions for new configurations. To meet this need they
developed the so-called compounding method as a quick and versatile way of extending known stress intensity
solutions to configurations for which stress intensity factors are not known. In applying the compounding
method the (complex) configuration for which the stress intensity is desired is separated into a number
of ancillary configurationa which have known isoluii.=s. The solution of the original configuration is
then obtained by superposition of the ancillary confizurations and correcting the results for interaction
of the separate solutions. The great advantage of the compounding method is that the importance of design
parameters such as e.g. type of attachment, flexibility of attachment, and sheet curvature can be etudied
using a simple structure with a single stiffener. Results for a structure with sultiple stiffeners can
then be compounded from those for the simple structure.
The principles of the compounding method are diacussed in [27] and [28) and a detailed description of this
method is g.ven in Chapter 10 of this handbook. Applications to stiffened panels are presented in [29-31].
In [29) aad [30] the stress intensity factor is determined for a panel configuration with a crack which
is loceied asymmetrically betwsen two continuously attached stiffeners in a periodically stiffened sheet.
The rejuired ancillary configuration for this problem was provided already by Greif and Sanders [10] .
The siress intemsity solutions for both tips of the asymmetric crack are presented in (29] and [30] in
graphical forn. Ip [31] the panel configuration witb riveted stiffeners and sn array of collinear cracks
‘not necessarily of equal length) is considered. The practical significance of this problem is argued in
(31) bty the statement that multiple initiation of cracks at different stiffeners can result in such an
array of cracks.

3.2.4 Sheet stiffener interaction computations related to fatigue crack growth

A vast amount of theoretical ahd experimental work, mainly related to the fatigue crack growth
behaviour of stiffened structures, has been carried out by Salvetti and his co-workers [32-38] . They
perforaed their work on cracked riveted panels of realistic design. The panel dimensions, stringer
geometry and spacing were varied systematically in the construction of the panel. Apart from crack
propagation data, References [32-35) and (38] present plots of C and L versus crack lenmgths for various
stiffened panel configurations. References [36) and [37] are especially devoted to the evaluation of
fatigue endurance of the stringers as a function of the crack length in the sheet and applied panel load.

3.2.5 Nodelling of the rivet comnection

It was shown in the foregoing that in the case of cracked riveted panels the magnitude of the
rivet forces in the region of the crack has to be known to allow computation of the stress intensity factor
of the stiffened panel (see Pigure 1). The accuracy with which the value of the stress intensity can be
determined will depend on the method of modelling of the rivet comnection. In most references dealing with
sheet-stiffener interaction mentioned so far (4-34] it is assumed that the attachments are infinitely
rigid and so do not deflect under load. This assumption allows a rather easy determination of the rivet
forces and thus of K. However, in practice the rivet and its surroundings will deform under bearing loads,
thus making the sheet-atiffener interaction less effective. An additional complication in this context is
that loads will' also be transferred from sheet to stiffener by means of friction forces arising from sheet-
stiffener contact due to riveting pressure. The effect of rivet attachment flexibility has been accounted
for by Swift [39,40] , Cartwright and Dowrick {41) , Ratwani and Wilhem {42-44] and Salvetti [35~38] .

The eoffects of rivet attachment flexibility and friction forces have beem discussed by Salvetti in a note
especially preparsd for this chapter (ses example problem 3.4.2.8).

3,2.5 Double rows of rivets

Stiffeners are often attached to the sheet with a double row of rivets. In such a situation it
may be unrealistic to assume that the stiffener is concentrated along a single line. The effects of a
doubly riveted stiffemer on the stress intensity factor as compared with the singly riveted stiffener are
considered by Wang and Cartwright (45) .

3.2.7 Partial failure of stiffeners and debonding of adhesive bonded panels

In practice partial failure of the stiffener may occur. Such a situation has been observed by
Poe [46) for the case of integral panels, Poe observed simultaneous crack growth in sheet and stiffener,
at approxizately the same rate, after the crack tip had reached the stiffener. Of course such a situation
may slso arise when the stiffeners are riveted or bonded to the sheet, although it is not expected then
that initiation of the crack in the stiffener will occur at the instant the skin crack reaches the stiffener.
An additional problem that may arise in the case of bonded stiffeners is debonding of the sheet-stiffener
connection when the crack passes under a stiffener. This problem implies that there may be a region of
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crack growth in the skin that is affected by a stiffener which is either partially crscked or partially
cracked and debonded or only debonded. The problem of partial stiffener failure has been studied by
Kanazawa et al.[47) and Miller and Cartwright [48] for a panel in which the stiffener is contimiously
attached to the sheet (see Figure 2). A combination of partial stiffener failure and debonding of the
skin-stiffener connection was considered by Cartwright and Miller [49] . Debonding of the ekin-stiffener
connection, with or without complete stringer failure, has been studied by Arin {50~53] (see Pigure 3)
and Hart=Smith {54] . In [50]Arin considsred the effect of partially debonded, intact stringers on the
stress intensity factor., The stiffeners were assumed to be adhesively bonded to an isotropic sheet, but
the bending rigidity of the stiffeners in the plane of the sheet was neglected. In [51] Arin considered
the same stiffener configuration but now accounting for the stringer bending rigidity. Due to high load
levels in the stringers,failure of one or more of them may occur in addition to debonding. Therefore Arin
also studied the same panel configuration as in [50] with the additional effect of one or more broken
stringers [52] . In {53) the effect of orthotropy was investigated for the same panel configuration as
studied in {52] ., Hart-Smith [54] studied. the éffact of debonding, combined with a completely failed or
intact stiffener, for panels of realistic design (see Figure 4).

3.2.8 Bffect of crack tip plasticity

Assuming that the crack is located in a completely elastic stress field, then a stress singularity
will exist at the tip of the crack. In practice, materials (especially metals) tend to exhibit a certain
stress level above which they deform plastically. This means that there generally will be a region around
the tip of a crack where plastic deformation occurs, and hence a stress singularity camnot exist. The
plastic region is known as the crack tip plastic zone.

The effect of the stiffener on the amount of yielding cround the crack tip and the reciprocal effect of
the crack tip yielding on the load concentration in the stiffener were considered by Ratwani, Wilhew and
Fitzgerald [42-44,55) and Cartwright and Rich [56) . The analyses in {42~44,55,5%] are based on a Dugdale-
type etrip plastic zome [57) . Cartwright and Rich [56] presented computational results for the magnitude
of the crack tip opening displacement, the stiffener load concentration and the maximum attachment force
for a range of stiffness ratios and sitrip yield zone lengths for centrally cracked stiffened panel conf-
igurations with two or three riveted stiffemers.

3.2.9 Laminated and sandwich panels

In the foregoing the interaction between a cracked sheet and a discrete stiffener, attached to
the sheet by means of riveting or adhesive bonding, was under discussion. Another type of built-up design
is a sandwich plate or laminate, consisting of two or more layers of metallic or composite materisl connect~
ed to each other by means of an adhwsive. When considering only those laminated structures in which one
or more of the layers contain a through crack, with or without a partly debonded adhesive layer 'in the
vicinity of the crack, there appear to be relatively few publications available dealing with the inter-
action aspects (in terms of stress intensity) of this type of structure. . ’

The interaction of laminated structures has been studied by Erdogan and Arin 558] y» Keer et al, (9] ,
Anderson et al, [60] and Ratwani [61~64] . Erdogan and Arin (58] and Keer {59) considered a structure of
similar design, viz. a laminate consisting of two sheets bonded together by an adhesive of finite and
constant thickness. In [ 58] one sheet was of isotropic (metallic), and the other of orthotropic (fibre
reinforced composite) material, whereas in [59] both sheets vere isotropic. In both cases only one sheet
contained a through crack of finite length, namely the metallic sheet. A portion of ithe adhesive material
surrounding the crack was assumed to be debonded in [58] . In [59) no loss of integrity of the adhesive
layer was considered. In (58] and [%9) a stress nalysis was carried out, formulated by the utilization
of integral transform methods, to calculate the crack tip stress intensity factor, and the boundary of
the dsbonded area (in [58] ). No comparison with experiments wa- given.

Anverson [60] treated the problem of two adhesively bonded metalii~ shests of finite size both analytically
and experimentally. Again one sheet contained an initial through crack while the other sheet was nominally
free of defects. The finite element method was used to determine the streasses in the cracked sheet, the
achesive, and the uncracked sheet. Results of the analysis were used to predict the growth rate of the
crack, debond zones in the adhesive and the number of cycles required to irnitiate a crack in the uncracked
sheet. The experimental programme was directed to verification of the analytical results.

Much analytical and experimencal data concerning laminated structures can be found in the work published
by Ratwani [61-64) . He studied a two~ply (metallic) adhesively bonded structure, with a through crack in
material 1, a debond or no debond in the adhesive around the crack in material 1, and no crack in

material 2, Also studied was the case for which the width dimension of the uncracked ply was reduced to
that of a stiffener. Ratwani used two different methods of analysis, namely the finite element method and
the integral equation approach, to obtain the siress intensity factor in the cracked lamirate. The analyses
were carried out assuming no debond in the adhesive, and an elliptical debond with a minor~to-major axis
ratio of 0,1, the end of the major axis of the debond coinciding with the leading edge of the crack. This
debond shape and size was based on experimental obeervationa. The presence of a crack in only one layer

of a bonded structure will give rise to out~of-plane bending due to lack of symmetry caused by the presence
of the crack. By comparison of computed and experimentally determined ciress intemsity factors, Ratwani
found that neglecting this out-of-plane bending will yield unconserva2i .2 results. A method to account

for the influence of out~of-plane bending on the stress intensity factor was therefore developed [64] . A
parametric study was conducted in [63] to evaluate the influences of debond size and adhesive and adherent
properties on K.

3.2.10 Available computer programmes

In sub-sections 3.3.2 to 3.2.9 a review Is given of publications available to the designer to
svaluate the interaction of cracked and uncracked elements of a certain built—up structure. Data obtained
from design graphs presented in these publications will usually be helpful during the predeaign stage of
an aircraft when the designer, on the basis of parametric studies, has to make a final choice from various
alternative design configurations. However, when that choice has been mode, he has to demonstrate that
the design meets the residual strength and crack propagation requirements prescribed by the airworthiness
regulations. In that stage of design the analyses discussed in the previous sub-sections will frequently
be inadequate because of tle assumptions made in them (e.g. rigid attachments, purely elastic behaviour
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of attachments and stiffeners, neglect of stiffener eccentricity) or bscause of the fact that the actual
cesign camnot be properly modelled to the available solution (e.g. due to its cor -lex shape or construction).
What the designer then needs is a computer programme that enalles him to calcula s the residual strength
and crack propagation properties of a certain built-up structure. Such computer programmes, descriptions
of which are available in the open literature, have been developed by 3wift [9,40,65-71] , Viieger {13,
72-79] , Lehrke, Huth et a1.[80,81) and Schwarmann [82,83] . The programmes of Swift, Vlieger, Lehrke

and Huth et al. are based on analytical solution of the diaplacement equations (see Fig.l), whereas
Schwarmann used the finite element approach.

The advantage of the analytical method over the finite elemant method is that for the snalysis of cracked
stiffefied panels solutions are either available in closed form or they .rn ta obtained using numerical
analysia. The numerical analysis techniques generelly require small computer run times. This makes the
analytical zethod excellently appropriate for parametric studies. However, a disadvantage of the analytical
method is hat there is a limitation on modelling of the structure. In thoie locations of built-up
structures where many ccmponents are interconnected at one point (e.g. a skin-Coubler-stifiener connection)
the actual structure has to te reduced to a simple configuration and such an idealization my easily

lead to inaccuracies in the compuiations. In this respect the finite element method is much more attractive,
because estructural complications can be easily accounted for and the results obtained have a high dagree
of accuracy. However, here the major disadvantages are the large computer run times and the fact that
solutions are not closed form, and therefore cannvt be easily generalized. If finite element techniques
were to be used for parametric studies of any nature, the cost would probably be prohibvitive. Hence this
technique is unlikely to be suitanle for parametric studies. In fact the latter point was the motive for
Swift to change to analytical computation methods (see [40]).

3.3 RESIDUAL STRENGTH

3.3.1 Residual strength of flat panels loaded in uniaxial tension

In ajrcraft consiruction built-up structures usually consist of one or more shcet elcments sftien
reinforced by stiffening elements, e.g. stiffened sheet (lower and upper wing skins, spar webs, fuselage
skin structure)) sandwich structure; and laminated sheet (skin doublers). In each of these elements cracka
may occur. When cracks occur there will be an interaction of cracked and uncracked elements, Predictions
of residual strength of built=up structures will usually be based on the residual atrength properties of
the cracked element per se, taking into account the interaction of the cracked and intact elements.

Because the greater part of built-up structures consistas of sheet and sheet elements in which plane stress
conditions prevail, knowledge of the behaviour of relatively thin cracked sheet under temsion loads is
essential.

In the liturature many approaches to the residual strength problem of cracked unstiffened sheets can be
found. A review of the literature on this subject was given by Broek (84] . For a more recent review
article, dealing with the nost current approaches to voth residual strength and crack propagation analyses
for aircraft structures, along with thie assumptions and limitations of each method, the reader is referred
to [85] . To the author's knowledge only two approaches have found emple practical application in predicting
residual strength of tuilt-up panels, viz. the stress intensity factor approach and the R=curve approach.
In this section the principles of both methods and the application to built-up structures are discusaed.
starting with the application to unstiffened panels. For information about application of some other methods
of analysis to stiffened panels the reader is referred to (74) .

Only cracks in plane panels and loaded in uniaxial tension are considered. The effects o curvature and
combined loading conditicns are discussed briefly in section 3.3.2.

N

3.3.1.1 Stress intensity factor approach
(a) Unstiffened panels

The behaviour of a sheet with a central transverse crack 2a,,subjected to an increasing temsion
stress o, is illustrated in the upper half of Fig.5. The stress can be raised to a value g; at which the
crack will start to extend slowly. This slow crack growth is stablej it stops immediately when the load is
held constant, and increasing stress is required to maintain its propagation. Finally, at a certain critical
stress o, a critical crack lerngth 2a. is reachei where crack growth tecomes unstable and sudden total
fracture of the sheet results. Both slow stable crack growth and fust fracture instability occur at lower
stress levels if the initial crack is longer. By testing panels with different initial crack sizes the
curves labelled a and b in the lower half of Pig.5 are obtained. The ghaded area between these curves is
the region of stable crack growth., The curve labelled c can be derived from data points of curves a and b
and relates the fuzilure stress directly to the initial crack length. This curve iz of special iuterest to
the designer because he wants to know which peak load can still be carried by the damaged structure when
a fatigue crack of certain size (2_-..1) is dotected during inspection. It is immaterial to him that the crack
will show some stable growth (to a total leng*th of 2a.) prior to final failure. Curve c is denoted as the
residual strength curve,

Teats have shown that for dbrittle materials and for panels of a given thickness and gize with an inter-
mediate rarge of crack lengths the curves a, b and ¢ of Fig.5 can be represented by constant values of
the stress intensity factor, viz. by Ky = o;Vna , K, = d.Vna, and K, = 0, Vna,, respectively (see Pig.5,
lower part). However, for the ranges of small and large crack Yengths as compared to the panel dimensions
the constant K~curves appear to overestimate the residual strength properties. This point is further
elucidated in Fig.6a in which a curve for a consiant K = ov/Ta is drawn (a curve of hyperbolic shape).
Also shown in this figura is a straight line representing the line for net section yielding: at all points
on this line the net atiresses of the uncracked ligament of the specimen are just equal to the yield stress,
Oyielqr ©f the material, The croes-hatched areas along the horizontal axis indicate the regions of crack
sizes at which net section stresses above yield would be required to cause fracture at the given K. Since
stresses above yield cammot occur in cracked components (except for very small crack lengths), fracture in
these regicns will occur at stresses lower than those predicted by the constant K~curve. Feddersen has
shown [86] that the residual strength properties for these crack lengtha can be obtained by drawing two
linear tangents to the K-curve as shown in Pig.6b. One tangent is drawn from the point o = oyje}q O the
vertical axisj the other tangent is drawn from the point 2a = W on the horizontal axis, whers W denctes
+he specimen width. According to Ref. [86] the left~hand tangency point (point A in Fig.6b) is always at
two-thirds of the yield stress, independent of the value of K, while the right~hand point of tangency
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(point B in Pig.6b) is always at a total crack length of one=third cf the specimen width,

When the approach proposed ty Feddersen is assumed, the complete residusl strength curve of a sheet of
any width of a given material and thickness can be predicted from residual strength tests on panels havang
the same thickness but rot necessarily the same width, provided the test dats meet the following
requireaents (see Pigure 6b);

< % Yje1a ¥ 2a<W3 ()

Pros data points meeting these requiremsents the E~value relevant to the material and thickness in
question can te computed and the K-curve can be drawn in & 0 versus 2a plot. Tangsnts drawn to this
CUrve from Oyqe1a to 2,3 Oyie1a 8ad from any panel width ¥ to W3 will complets the residual strength
curve {see Fig.éd).

The foregoing implies that the validity requirements for the test duta to yield useful X values are set
by requirements (4). However, there is alsoc & limitation as to the width of the panels used in the test.
Panels should have s certain minisus size in order %0 provide valid (i.e. geometry independent )

K values. As can be seen frum Pig.6b this minizum panel eise, Wyipne 18 when the two pointe of tangency
(points A and B) coincide, Por panels having a width below Wy p %go residual etrength for the whole
range of crack lengths is determined hy the net swction yield criterion.

The rinimue panel sise for valid K data can be detersined in the following way. Because points A and B

in Pig.6b are points of tungency to the Kecurve, us‘ng requirements (4) the crack lengths st these pointe
are found to be equai %o

2 .
2, = - - 1$)]
& ("yma
ay - W3
The condition for the two points to ocoincide yieldo
2
min g ("’yuld

Pigure 7 1llustrates the effect of panel width for residual strength tests on unstiffened panele of

2 mm thick clad 2024=-T) and 7075-T6. To investigate the ef”ect of sheet widih on residual strength and
10 be sure that the panels in all other respects ware identical, the following test procedure was applied.
Pirst, residual strength teets were carried out on 540 me wide paneln. After theue tests a number of
spacimen Mlves was used to prepare specimens of Y00 s and 120 s» wide by mwoutting longthwise as
indicated in the sketch of Pig.7. In plotting the resulte of the residual strength testa (failure valuss
of tremes and crack lengths) the approach of Peddersan was used,

It can be observed from the results in Pig.7 that the test data of 2024~T) panels having widths of 00 e
and smaller are on the net eection yinld line, whereo~s two 4ata pointe for the 540 mm wide 2024=T) panele
appear to be pointa on the Kg=curve, Purther, all 707916 resulte are located on s single K~curve
independent of pansl widthe. Using equation 16) togethar with the K. values found in Pig.7, *he stniswe
panel sises for walid K.~values apprar to be aqual to 74 we and 508 sm for 7075-T% end 2024=~T3,
respactively. Apparently, for relatively brittle materiais like 7079 very small panel wilths will yield
valid K veluen, wheress for ductile sateriale like 2024 even the 540 mm width panels were hardly wtle
enough for this purpose.

One final remerk has to de mads regarding the minimum panel size found for the 2074 panels, In the fore-
going 1t was stated that two data points for the 540 mm wide panslia appeared 10 yieold valid K.=values for
this saterial. On the bdasis of *hie aseumption the minisus panel size for valid X dats was found 1o be
®susl to 508 mm, Mowever, althogh the two data pointa indseq Beet the requiresents set by mjuations (4),
they are fairly close to the net section yield line so thet the validity of the valuos is 2uestionable,
In such doudtiful cases 1t is preferable to test additional panels with larger width disenaions to

check whether these panels indeed yiold the same K. value, Another possidilily is to add to the validiey
requirements given by aquations (4), the requirwment

Inet <o.b °yuld m

In that cese the boundary for valid teat dats will be modified as shown in Pigure 7a.
80 far 1t has been sesumed that the remidual strength curve 1s to ve determined from teet resuits, Cf
couree *he same proreture can be applied (and in the deaigm atage often will be) on *he taain of handbook
valuss of K for nominelly the same material and thicknees, However, in such cuzes one should pay epecial
attention to the point whether the streesec and crack lengtha corrsaponiing with *he given K-valus meet
the requiresents set bty sguations (4) ard (7). In principle, availadb,lity of & valid K valus allows the
designer to establish the residual atrength for any panel site, i1ncluding panels ssaller than Myip since
the latter will fuil at net section yield, This ts the greal attracticn of the Padierwen wethod, and »
comgilation of K-values for varisus etructural setal alloys of particular interest for asrcraft and °
serospace appiication can be found in [47] .
Pinally, the affecta of sheet thicknees and temperature on residusl strength suat be considersd, Rowwver,
these points will not be discusaed comprehensively In this chapter, sincy detailed 1nformation as to
their influence on fracture touginess can be ‘ound in textbnooks on fracture pechantca (».g. {1} and (2] ).
In genaral it can e said *hat the restdual strength decrearse with increasing thickness frva 3 maxious
velue under pure plane stress conditiona to a certain minisus valne (tha plane etrain fracture toughness
K1 ) et thicknesees where plane strain conditions prevail. Ia the transitional range of thy. kness the
1dual strength has intermediate values, Quantitative K. velues for sluminium alloy eheet materials
(2024, 7079 and 7479) of various thicknesses can be found in Refs{ #01) ,
Regarding the effect of tempersture, there {s generiliy a decrease in residual strength with 4ecreasing
temperature. For aluminium alloy sheet materiale (2024, "075 and 747%5) quantitative values of K. % &
function of temperature can be found in Refe [90-97) .
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(b) Stiffened panels with fully elastic stiffeners and fastening system and mominally elastic crack
tip stresses.

In the previous section the behaviour of an unstiffemed, cracked panel with increasing external
load was discussed (see Pigure 5). Purther, a prediction of the residual stremgth diagram for such a panel
configuration was given on the basis of the stress intemsity factor approach. This section deals with the
change in behaviour of the panel, and thus the shape of the residual strength diagram, when the unatiffened
cracked sheet is provided with stiffeners,

Comparing the stress distributions in the cracked regions of a etiffened and an unstiffened panel there
will be a dissimilarity caused by the sheet~stiffener interaction in that region. In the case of a cracked
sheet the stiffener provides axtra stiffness that decrea.esthe siress at the crack tip by load transfer
from shest to stiffener. In this connection two significant dimensionless parameters were introduced

in section 3.2 of this chapter, viz. the "stress intensity correction factor”, C(a) and the "stiffener
load concentration factor”, L(a). The factor C was defined as the ratio of the stress intensity factors
of the stiffened and unstiffened panel at a certain crack length (see equation (2)). The factor L was
defined az ;;o ratio of the s*iffener loads in the region of the crack and remote from the crack (see
equation (3)).

It has already been shown in section 3.2 (see Pig.l) that quantitative values of C(s) and L(a) can be readily
calculated when the fastcner losds are known. The fastener loads can be computed for a certain panel
configurstion by assuming equal displacements of corresponding fastemer points of sheet and stiffener.
Values of C(a) and L(a), obtained in this mammer using [76] , are plotted in Figure 8 for a panel configurs=
tion with five riveced strip stiffeners containing a central crack; in making these computations yielding
of rivets and sti{feners was not accounted for.

In Pigurs 8a the central stiffener is intact. The results show that the value of L for each stiffener
incieases with increasing crack length and that the curves level off when the crack tip has passed the
rivet line of the adjacent stiffener. Purther, C is smaller than unity over the whole range of crack
lengthe.

Alterhatively, the load increase in the stiffeners during a peak load Bay become so large that f-acture

of a4 stiffener occurs. When this happens the load from the broken stiffener will be transmitted to the
sheet and to the sdjacent stiffeners. Thus stringer failure has an adverse effect on the strees intensity
factor. This is illustrated in Pigure 8b for the same panel configuration as in Pigure 8a, but now the
damage consists of a combination of a skin crack and a broken central stiffener. C is now larger than
unity for cracks extending in the stiffener bays closest to the broken stiffener.

It will be clear that C and L are important parameters for determining the stiffener effectiveness with
respect to crack growth and residunl strength. The effect of these parameters on the shape of the residusl
strength diagram of the stiffened panel will now be discussed.

Combining equations (1) and (2) and ignoring the finite width correction, it follows that

Srrrrem © ¢(a).ovna (3)

Assuming that unstable crack growth occurs when § FFENED attains a value equal to the plane stress
fracture toughnees of the unstiffened sheet mate H, Ke(- Uc\/ﬂlc)' then the relation between the
critical stress of the stiffened sheet, Cogg? aad &, is given by the equation

- xc - dc
“on " o) vme, W ®)

where d_ is the stress at which fracture instability in the unstif ened panel occurs. Bjuation (9) shows
that th¥ curve that gives the relation between the critical values of stress and crack length of the
stiffened panel can bLe obtained by ralsing all points of the d, = a, curve of the unstiffened panel Yy

s factor aa- pertinent to the particular length of crack. According to equation (3} the maximum load
in the stiffener will be equal to (see also Pig.1)

Pz ” 1(s) N L(a). a1 N (10)

where 9,, and o AT® the stiffener end strews and cross~eectional ares, respectively. Ignoring loed
cccmtrggity and notch effects (i.e. the stress distribution over the stiffener cross-section is

assused to be uniform), failure of & stiffener will occur when the value P of that stiffener becomes
aqual to the ultimate strength of the stiffemer material, ’““(-o““.lu.). Thua the relation between

the md~stress st wvhich the stiffener fails, a.,”, and the crack length is given by the equation

934

a°s'r " ity (11)

The overall effect of the sheet~stiffener intersction on the shape of the residual strength diagrsa is
iJlustrated in Pigure 9.

The residual strangth properties of the stiffened panel are determined by squations (9) and (11). Prom
squation (9) and Pig.8a 1t can be concluded that in a stiffened panel with intact stiffeners unstable
crack growth will occur st & higher stress level than in the .nstiffened punel, the increase deing
denendent upon crack sise. This means that curve b of the unstiffened panel (i.e. the upper curve of the
- .gion of stable crack growth in Pigure 5) will be shifted upwards to curve b® in Pigure 9. Curve b*
shows a maxioum for a crack length slightly larger than the stiffener spacing because the max:mmm reduction
in tip stress will occur when the crack tip has just passed the etiffener centre line (see Pigure 8a).
However, in a stiffened panel the possidility of stiffener failure should alsoc be considersd. Based on
esquation (11) and the results in Pigure Sa, curve d is drawm in Pigure 2 as the lo-us for faiiure of the
central stiffener (= stiffenor that carries most load and thus can be assumed to fail firet). At gero
crack length the stiffener will fail at its ultimate tensile strength. With increasing crack eise the
inoressed load ooncentration in the stiffener causes it to fail at a lower panel end stresa.

i)




The diagram in Pigure 9 illustrates four pcssible cases of panel behaviour, namely

1)  Panel failure due to central stiffener failure, without crack arrest (point A)

ii) Unstable crack growth followed by crack arrest (point B)

iii) Panel failure due to central stiffemer failure, after crack arrest (point C)

iv) Panel failure due to skin failure, after crack arrest (point D) .
The different possitilities will be treated sequentially on the basis of the curves shown in Figure 9.
Consider the behaviour under peak loads of a stiffened panel with two different crack lengths. When the
panel contains a small crack of length a,, after some stable growth the crack will propagats unsiably at
a stress level o,. During the propagation of this crack towards the next stiffener the load concemtration
in the central seiftener will become so high that this stiffener, and consequently the total panel, fails
(point A). If the initial crack length is larger, of a length ap, unstable crack groxth due to a peak
load will occur at a stress op, but this crack growth will be stopped at the next stiffener (point B)
owing to the reduction in crack tip stress. After crack arrest the load on the panel can be increased
further, the tip strees is raised, and some additional stable crack growth occurs before the ultimate
load of the central stiffener is reached, at point C. For any initial crack lerngth between T and a*
the behaviour will be essentially the same as sketched for crack length ap, i.e. fracture always occurs !
at the stress level indicated by 0. This implies a predicted residual strength curve (ac versus a, for the :
stiffened panel) of the shape drawn heavily in Figure 9. The curve contains a horizontal part determined
by the stiffener strength (0,1:), the sheet fracture toughness (K;) and the sheet-st_ffemer interaction
(which in turn is mainly determined by the relative stiffness of sheet and stiffeners and by the stiffness
of the attachments). For initial crack lengths smaller than the stiffener spacing this flat part of the
curve constitutes a lower bound of the residual strength of the stiffened panel and hence J will be the
fail-safe stress of the stiffened panel. R
It must be pointed out here that the stiffener failure curve in Figure 9 intersects the stiffened sheet
crack resistance curve (= curve that relates g, and a. of the stiffened sheet). In that case, for crack
lengths in the range from a to 2* panel failure due to pmak loads will occur only after stiffener failure
following crack arvest. However, the stiffener failure curve need not necessarily intersect the sheet
crack resistance curve. If the curves do not intersect, failure of the panel will occur afte. crack arrest
by sheet failure at point D in Figure 9.
In the foregoing the residual strength behaviour of the stiffened panel was discussed on the basis of the
relative locations of the instability and failure curves of sheet and central stiffener. The relative
location of these curves in the residual sirength diagram was based on the fact that in the cracked region
of a stiffeped panel load will be transferred from the sheet to the stiffener by the fastening system
(rivets or bonding connection). But in fact a third curve should have been incorporated in the philosnphy,
relating failure of the highest loaded fastener to crack length. This ie because failure of a part of the
fastening system (t‘ailure of one or more rivets or partial debonding close to the crack) will make the
stiffener less effective in reducing the tip stress so that the sheet curve will ahift downwards, resulting Lo
in & lower fail-safe stress (see Figure 9), However, in general the fastening system will yield prior to o
failure, so that load is shed from the highest loaded part of the fastening system, close to the crack,
to parts farther away and the chance of fastener failure will be reduced. This brings us to a much more
important aspect that has not been discussed so far, i.e. the effect of yielding of fasteners and stiffeners
on the residual strength properties of the stiffened panel, . H

it

(c) Effect of yielding of stiffeners and fastening system.

The effect of yielding of stiffeners and/or fasteners is illustrated qualitatively in Figure 10.
The dash-dot curves in this figure are baged on elastic computations of C and I, and are the same curves H
as drawn in figure 9. Due to the high loads to be transferred by the fastening system and the associated H
bigh load concentration in the stiffeners, yielding of fasteners and/or stiffeners may occur at relatively !
low external loads. This means that the stiffeners henceforth will behave less rigidly than was assumed, T
implying a less pronounced increase of the stiffened sheet curve and an upward shift of the stiffener
failure curve. For the case shown in Pigure 10 this signifies that the crack arrest and residual strength .
properties of the stiffened panel will be overestimated considerably when they are based on purely elastic i~
computations of C and L. The effect of yielding on the residual etrength properties is appraised here only [
on the basis of qualitative considerations. A quantitative evaluation of the effect of yielding, dased on . %
analytical computations of C and L, and a comparison of the calculation results with experimental data P
can be found in [77] and { 78] . In conclusion it can be said that, in determining the residual sirength |
properties of stiffened panels on the basis of the procedure discussed here, the effects of yielding of
fasteners and stiffeners and the prssibility of fastener failure (after yielding) has to be accounted for
in the analysis.

P

(d) Effect of crack tip plasticity.

In the foregoing analysis it was assumed that the residual strength properties of the unstiffened
panel over the whole range of crack lengths are given bty a constant value of the stress intensity factor
(thc so=called plane stress fracture toughness, Kc) « This assurption holds with good approximation for
relatively britile materials, like the aluminium alloy 7075, which show only a negligible amount of crack
tip plasticity (apart from the extreme crack length regions where the tangents propcsed by Peddersen apply,
sce Pigure 7a). However, in practice the ductile aluminium alioy 2024 is frequently used as sikin material ;
and in this material failure usually is associated with a large amount of plasticity at the crack tip 4
(see Pig.7b, where even panels of 540 mm wide failed by net section yielding). In principle, for this
material the same method of residusl strength prediction as discussed before can be applied as well Yy
incressing the actual (visible) half cruck length at failure by an smount rp, which represants x measure of :
the orack tip plastic zone sise. In other words, the actual stress in the elastinplastic matsrial, !
corresponding to a half crack length, a, is imagined to be squivalent to the stress that would arise from t
an "effective” half crack length '

R EEES (12) {
in a perfectly elastic material. Well-known plastic zone correction factors are those of Irwin [93)
and Dugdale [57]) . Por plane stress conditions Irwin proposed a value
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Lf{_x
U= (ayield) 3

while Dugdale on the basis of a "strip-yield" model obtained the equation

r =% (-L—)2 (14)
P 16\ 904

In equations (13) and (14) o vield repreasents the yield stress of the skin material. Using these

equations the residual strength for stiffened panel configurations containing a skin of a ductile

material can be predicted as illustrated in Pigure 11. The upper half of this figure shows the residual
strength diagram of the unstiffened panel. The net section yield line is assumed to be the locus of

sheet failure (ac versus a.). For points on this line the crack length is corrected for plasticily
according to equations (135 or (14§°md a curve is obtained relating o, to the effective crack length, 8,0p°
An iterative procedure has to be used because 1, is a function of the siress intemsity factor, K, which
has to be expressed in terms of a,pe to allow an elastic analysis. With this approach, for any combination
of Jdo and actual (or visible) ¢ length, a,, of the unstiffened panel, a value of the stress intensity
factor will be obtained that determines fracture of the sheet. The value of this critical K will be &
function of the crack length. The lower half of Figure 11 presents curves which relate constant values of
the stress intensity factor of the stiffened panel to crack length and stress. Assuming that for a certain
effective crack length in the stiffened panel fracture instability will occur at the same siress intemsity
value as found in the unstiffened panel, a.fracture instability point of the stiffened panel will be
obtained from the KS.TII’FEIED = const. versus a,pp CUTVES, 38 shown in Figure 11. This approach assumes

that at a certain crack lungth the plastic zone sizes in the stiffened and the unstiffened panel are the
same (see equation (13)).

In this section the prediction of the residual stremngth properties of stiffened panels is explained
qualitatively. A quantitative determination of the residual stremgth, using the approach discussed here,
is given in examples 3.3.3.6 and 3.3.3.7 for bonded and riveted panels, respectively.

3.3.1.2 Energy balances concept
(a) Principles of the method

The fracture behaviour of a cracked sheet under increasing tensile loads was illustrated
earlier in Pig.5. When the load increases from a certain stress level, oy, slow stable crack growth takes
place before final failure at the stress g.. According to the energy balance concept, during this siow
stable crack growth there is a continuous balance between energy released from the system owing to crack
extension and energy consumed for crack growth, This is because if there were no balance then either
crack growth would stop (when the required energy exceeds the released energy) or become unstable (when i
the difference of both energy quantities yields an energy surplus).

The way by which energy is released from the system depends on the loading conditions during crack growth.
The two extreme loading conditions are fixed grips and comstant load. In practice the loading conditions
will usually lie somewhere in between. In the case of fixed grips the external load cannot do work because
the displacements of the plate ends remain constant. The energy required for crack growth is then
delivered by a decrease of the elastic energy of the cracked sheet itself. If crack extension takes place
at constant load the ends of the plate are free to move during crack growth and work will be done by the
external load. The energy thus supplied will be used partly for an increase of the elastic energy of the
cracked sheet and partly for crack growth.

The energy consumed by crack growth consists of work required for formation of a new plastic zone at the
tip of the advancing crack plus the actual work of fracture. The latter amount of work is presumably small
in comparison with the energy contained in the plastic zone and therefore the consumed energy is usually
assumed to be equal to plastic work.

For a plate of unit thickness the energy balance concept yields the following comdition for crack growth:

L-r+w=o or (v - (15)

where U is the elastic energy contained in the plate, F is the work performed by the external force
and W is the energy required for crack growth.
Usually the energy release rate, d_ (F-U), is replaced by

da

2
¢ =52 (s ;f-) (16)

where o is the panel end stress, 2a is the crack length and E is Young's modulus. Fquation {16) comes

from Criftith's criterion and applies to an infinite cracked plate of unit thickness with a completely
elastic stress field. 0 is the so-cailed "elastic energy release rate" per crack tip. G is also called
the "crack driving force”, because its dimensions of energy per unii plate thickness and per unit crack
extension are also the dimensions of force per unit crack extemsion. 1
The rate of energy consumption durinm; crack propagation, 3W , iy usually denoted by R, which is called

the "crack resistance (force)". With these notations the energy condition for stable crack growth (15)
can also be written as

G=R (an {
Using equations (16) and (17) the emergy consumption, R, can in principle be found as a function of

crack size. During crack growth the mmergy release rate, U, can be determined from recorded stress and
crack length values. Becsuse both o and "a" increase during crack growth (see Pigure 5) it follows from
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equation (16) that G increases more than in proportion to "a", and thus R also increases as the crack
procesds. According to equation (17) the instantaneous values of G during crack growth will indicate

how R depends upon crack size. R appears to increase during slow crack growth, as is depicted schematic-
ally in Pigure 12, Also shown in thiu figure are lines indicating how G depends on crack size for constant
stress values (the meaning of these lines will be explained in (b)). It is common practice to position
the R-curve as in Figure 12, so that the origin of the co~ordinate axes coincides with the tip of the
crack and R is plotted as a function of Aa. This is based on the suggestion proposed by Krafft et al. [94]
that the R-curve is a function of Aa only and independent of ay, i.e. the Recurve is invariant and is

the same for any initial crack length. The G=lines in Figure 12 are drawn from the centre of the initial
crack so that their location with regard to the R-curve depends on the value of the initial crack length.
It was shown above that the R-curve can be determined experimentally from successive values of G during
slow crack growth using the relation R = G = naza/E. Typical Recurves as determined in this way for centre-
cracked panels of aluminium alloys of different thicknesses can be found in [95] . The disadvantage of
this method of Re=curve determination is that in centre-cracked panels slow crack growth occurs only over
a limi*ed range of crack lengths, and so only a small part of the Recurve will be obtained. The results
obtain.i by Heyer and McCabe [96,97] suggest that the use of a tapered cantilever beam specimen or a
compact tension specimen (or, in general crack-line loaded specimens) has advantages. Since instability
is postponed due to a different G versus "a" relation, it is possible to determine the R-curve over much
greater lengths, This will give a better idea of its shape.

A review of R=curves for different materials as obtained from a variety of specimen types and test
techniques is given in{ 98] . R-curves especially applying to aluminium slloys can be found in [ 99-101] .
& standard test method for Recurve determination is givem in [102] .

(v) Application to unstiffened panels

According to the diagram given in Figure 13, the behaviour with increasing load of a sheet
containing a crack of length 2ay will be as follows. Suppose the specimen is loaded to a stress Oy If
the crack were to extend, the available energy release rate would be given by point A in the diagram.
However, this wvalue appears to be too low for crack growth to occur. The stress can be further increased
to gy, where the available energy release rate is given by point B. Suppose this value is sufficient for
cmi growth, If the crack were to propagate under constant stress, G would increase according to line B~C.
This line is lower than the R-curve and therefore crack growth under constant stress cammot occur. Wwhen -
the stiress is further increased to 0p,both G ard R follow tha R-curve from B to D according to
equation (17) and crack extendion day will occur. Finally, at o, the crack length has become a, and both
G and R are at point E in the diagram. Crack growth at constant stress d. gives an increase of G according
to the line E~P, Because this line is above the R-curve, and the increase in stress intemsity as the crack
grows is greater than the increase in resistance, final fracture will occur at point E. That is, the
fractars conditicn is the point of tangency {point E) or

3G _ 3R
G=R andzT=ig (18)

Bruation (18) is the emergy criterion for fracture instability.

(c¢) Application to stiffened panels

The behaviour of a stiffemed panel will be illustrated for two extreme cases of crack size,
viz. a large crack that extends between two stringers, and a short crack with its tips rerote from the
stringers. ‘

The first case is shown in Figure 14. As usual the Rwcurve is positioned at the crack tip. In a stiffened
panel the stress intemsity factor is reduced a factor C (see equation (2)). Since G = X2/E the G=line
for the stiffened panel will be givem by G = C .rwza/E. This line is no longer atraight, since C is a
function of crack lemgth (Pigure 8). The deviation from straight line will be largest in the vicinity of
the stringer. Slow crack growth will commence at a stress gy for which at point A there is an energy
balance G = R. If the stringer were absent, failure would take place at the stress gy, (at point B).
Owing to the curved G-line for the atiffened panel, however, the stress o, will only cause slow crack
growth to point C.The strees can be raised further to g.4 (with simaltanecus slow growth to D) before
t('ina.l fai:)Lure takes place. At o,y the energy relesse rate for constant stress remains larger than R

line D=E).

The situation is more complicated for a short crack with its tips remote from the stringers. This case
is depicted in Figure 15. It has to be noted that the same R-curve as in Fig.14 should be used, but it
has to be displaced to the tip of the short crack. Slow stable crack growth will start at a stress oy.
The part.OA of the Gy~curve is still straight, since the stringer is remote. This means ‘hat slow crack
growth commencen at the same stress oy as in the unstiffened panel. At the sireas o, unstable crack growth
occurs, since the line G, is tangent to the Recurve in point B. The part OB of the curve Go, is also
straight and hence unstable crack growth occurs at the same siress ¢y as in the unstiffened panel. But
in the stiffened panel crack arrest will occur at C, since the G-curve bends downwards in the vicinity
of the stringer and dips under the R~curve., Further slow crack growth from C to D occurs if the streess
is raised to 07 and eventually at o,y final fracture will occur, since the G—curve is tangent to the
R=curve at E and G remains larger than R for constant stress.

The foregoing illustrates that when the R-curve of the skin material of a stiffened panel configuration
is lnown the crack arrest properties and/or the strese and crack length at final failure can be predicted
by drawing Gecurves (for o = constant) in an G,R versus "a" plot. The Gmcurves of a stiffened panel can
be drawn when the C~values are known as a function of crack length (see Fig.8). However, in a stiffened
panel final failure may be due to skin failure (skin-critical case) or stiffener failure (stiffener-
critical case) and the poseibility of stiffener failure has not been considered so far. PFurther, failure
of the fastening system haa not been allowed for. A problan in this respect is that to account for these
offects the possibility of failure of stiffeners and fasteners has to be incorporated in the analysis as
a function of crack length. This is because a small initial skin crack in a panel that originally is not
stiffener-critical may show unstable growth followed by arrest. After crack arrest the stiffener will
have to carry more load than initially (because the crack is larger ) so that panel failure may now

be induced by stiffener failure. Because the possibilities of stiffener failure and fastener failure
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are not easily incorporated in a G,R versus "a" plot, for the time being the prediction of residual strength
by means of the R~curve approach only holds for skin-critical configuratione (it has to be emphasized that
skin-critical refers here to the condition at final failure of the panel),

(2) Use of the R-curve approach for structural applications

The crack growth resistance curve (or R-curve) approach to fracture was originally introduced
Yy Irwin [103] and later modified by Krafft, Sullivan and Boyle {94] . To obtain crack growth resistance
data in terms of linear elastic fracture mechanics Heyer and McCabe [ 96,97] developed a new specimen type,
viz. the crack-line loaded specimen. This specimen type emabled determination of the R-curve over a much
greater range of crack lengths and allowed the use of much smaller specimens than the large centre=cracked
tension specimens that were originally required to maintain net section stress below material yield.
Recently, McCabe and Landes [104,105] modified the original test technique to accomodate Recurve determina~
tions on structural materials showing large scale plasticity.
The first use of the resistance curve approach to structural applications was by Creager and Liu [106] to
predict the residual strength of simple strap-reinforced sheet panels. However, the use of the resistance
curve was restricted due to the lack of a suitable elastio-plastic analysis. The application of Rice's
path independent J-integral [107] has proved to b2 a very suitable parameter in this respect. The application
of the J-integral to structural problems, in combination with a VJR versus Aa curve was proposed by
Verette and Wilhem [108] and Wilhem (109j . (Note: Due to the relationship between the J-integral and
stress intensity factor (K) in the elastic case [107] , (J = X2/E), it is better to speak of VJ rather
than J. The suffix R is used to distinguish the resistance curve of the material from the stress intemsity
curve or the specimen). Varette and Wilhem [108,109] assumed in their analysis a Dugdale [ 57] plastic
zone behaviour and employed the method of Hayes and Williams [ 110] to compute crack opening displacements
using finite element techniques for a series of assumed plastic zone lengths at fixed physical crack
lengths [110] . J~integral values cuuld then be computed from the relationship J = Oyje1g.d [111] , where
4 is the crack opening at the physical crack tip and 0,414 is the material yield stress. Since the original
publications in references {108] and [109] , much effort has been devoted by Wilhem and Ratwani [ 42,43,55,
112,113,44] to further develop this approach. In recent publications [ 114,115] they studied the early crack
extension portion of the crack growth resistance curve in an attempt to apply the R=curve concept to
fatigue crack growth.
By their studies and publications Wilhem and Ratwani have given an enormous impetus to a further development
of the R=curve concept with regard to its application to residual strength predictions of stiffened panels.
The designer who intends to use the Recurve concept for residual strength predictions is strongly recommend-
ed to acquire the large amount of information contained in the various publications of Wilhem and Ratwani
on this subject [42,43,44,55,109,112-115) . To illustrate the application of resiastance curves to residuval
strength prediction of a realistic structural coafiguration,an example problem wag prepared by Wilhem as
a contribution to this chapter (example problem 3.3.3.4).

3.3.2 Residual strength of curved panels subjected to pressure cabin loads

In the foregoing sections residual strength predictions for flat panels loaded by uniaxial temsior
were discussed. Such panels and loading conditions are present in e.g. a wing structure (apart from a
slight curvature and a small amount of torsional shear lcading). However, when considering a fuselage
structure the conditions will be quite different. In that case the panels are curved and subjected mainly
to biaxial tension loading due to cabin pressuce, The effects of curvature and biaxial loading on
residual strength will be discussed briefly in the following.

3.3.2.1 Effect of internal pressure

Consider a fugelage shell containing a skin crack, tvhe tips of which are not close to a frame or
stringer. Owing to the internal pressure the unsupported fuselage skin in the vicinities of the crack
tips will tulge. This bulging, caused by loss of hoop tension reaction to the pressure loading, in turn
causes local bending at the crack tips.This implies that there exist both bending and extensional stress
singularities at the crack tips, or in other words the stress intensity factor in the pressurized shell
will be larger than that in a flat panel subjected to the same extensional loads. Therefore residual
strength prorerties of a fuzelage structure camot simply be derived from the flat panel data. In this
respect one has to distinguish between circumferential and longitudinal cracks. The bulging at a
circunferential crack will usually be smaller because (1) the spacing of the stringers is less than that
of the frames, (2) the skin has additional bending stiffness due to curvature and (3) the hoop temsion
loads supprees the bulging.
The foregoing implies that to relate flat panel data to curved panels a bulging coefficient, B, hae to be
applied to the stress intensity factor of the flat panel carrying the same in-plane load as the curved

shell, or 4
Yoomvep = © ¢+ Fpar (19)

In the literature various proposals for the functional form of B can be found [116-129] , mostly
applying to longitudinal cracks in unstiffened pregsure vessels. The expressions in [116—118] are based
on experiments, while the others are derived from theoretical analyses. A summary of expressioms for B
can be found in [127_] , derived from publications before 1967, together with suggestions for improvements.
Much effort has been devoted to this subject by Polias [121—123,126,128] . He analysed cracked spherical
shells [121] and cylindrical shells with longitudinal [122] or circumferential cracks [123] . In [126]
Folias gives a survey of existing solutions and discusses methods for estimating approximate stress
intensity factors for other more complicated crack and shell geometries (e.g. an arbitrarily oriented
crack in a cylindrical shellj a circular conical shell with a longitudinal or circumferential crack).
References [121-123,126] treat elastic crack tip conditions, while in [128] the effect of crack tip
plasticity is considered,

Almost all publications except [125,129] consider unstiffened pressure veesels. Of these latter,
reference [129] uses an energy approach in conjunction with the finite element method to determine K.
It has to be noted that in a fuselage structure with frames and stringers the applied bulging coefficient
must be a function of the distance of the crack tip to one of these elements: 8 will be a maximum when
the crack tip is midway between two frames, and reduces to unity when the crack tip is at a frame. To
account for this effect Swift suzgested applying a cosine function in combination with B [71] .
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3.3.2.2 Rffect of biaxial loading .

Nost studies of biaxial losding have been limited to unstiffened panels {130~138] . Refs [130-134]
are mainly experimental, while Refs [135~138] are pnalytical studies. It has been pointed out by Erdogun
and Xidler {139] that analytically the effect of Yiaxia) stress in unstiffened structures is of second
order and is negligible if purely elastic analysis is considered. However, Hiltom [136] showed by an
slastio~plastic analysis that the siress intensity factors are reduced, and thus the residual strength
increases, by applying a positive biaxisl lcad (i.e. the load components in both directicns are positive).
The same study also indicsted that the plastic zone size decreases with an increase in positive biaxial
load ratiocs. Similar effecis have been found by Smith {137) .

Less numercus are the publications dealing with the influence of biaxial loading on cracked stiffened
panels. In Ref. [140) Beck investigated experimentally the effect of biaxial loading on crack growth in
stiffened and unstiffened panels. Analytical studies of the effects of biaxial loading on the stress
intensity factor wers performed by Swift [40] and Ratwani and Wilhem [43,141] . Swift [40] found that the
elastic stress jntensity factor increased due to the application of positive biaxial loads and that the
influence was not negligidle. He explained this behaviour [ 39] by the fact that in pressurized shelle,
where the sxin’is biaxially loaded and the stiffeners are uniaxially loaded, the skin works at a higher
stross than-the stiffeners owing to strain compatibility. Ratwani and Wilhem [43,141) considered the
influence of biaxial loading on stiffened sheets using both elastic and elastio~plastic analyses (in terms
of \/3) and compared their analytical results with experimental data. Both their elastic and elastio~
;lastic analyses showed trends similar to those obmerved by Swift [39,40] ., Purther, they found that the
plastic zone size ahead of the crack tip decreases with an increase in positive biaxial load ratios.

A similar reduction in plastic zone size was observed by Hilton [36] for unstiffensd panels. Pinally,
Ratwani and Wilhem [1415 obtained excellent agreement betwuen analytical snd experimental data.

3.3.3 4ioplication of fracture mechanics principles to real structures
{a) Information available from literature (see section 3.5)

In the literature a large number of applications of fracture nechanics to the prediction of reeidual strength
of real structures can be found. These applications either deal with actual designs or are more general in
nature. In a number of cases the applications concern case studies. Without intending to give the impression
of completemness, a 1liat of relevant references is given here:

(a.1) Applications to actual designs or projects

Crichlow, Wells 119]
Exvall, Brussst, Liu, Creager 143,145)
Heath, Nicholls, Kirkby . 147}
Nanduri, Radzins 146
Sanga 144
Stone, Swift 68
Swift 39,66,67,69-71)
Swift, Wang 65
Thrall . 156
Toor . 85
(a.2) General studies
Creager, Liu 106
Crichlow 149
Bide 151
Hart Smith 54
Hunt, Denke, Eide 150
Schwarmann, Bauer 154
Smith, Porter, Engatrom 153
Sorensen 148
Ratwani, Wilhen 42-44,113]
Veretts, Wilhem 108]
Vlieger 13,72=19]
Vang 152
Wilhem 109
Wilhem, *itzgerald 55]
(s.3) Case studies and textbooks
Rich, Cartwright (Editors) 155
Broek 1
Rolfe and Barsonm 181
Wilhem 180

(b) Practical examples

A mmber of ipvestigators closely concernmed with the application of fracture mechanics to actual designs
were found willing to write up results of some of their recent residual sirength computations as examples
in this handbook. These examples are presented in this section. They were left as much as possidle in
their original but edited form, to give full credit to the contr butors. The way of presemtation, the
contents and the conclusions are the responsibility of the contributors. Each example is followed by some
editorial comments.

It has *o be noted that the examples must be considered as self-contained texts, i.e. they have their own
rumbering system of figures and references.




LE PROBLEM 3. 1
RESIDUAL STRENGTE OP 7075-T73 PANELS WITH 8 INCH STIFFENER SPACING

T, Swift

NcDonnell Douglas Corporation
Douglas Aircraft Company
Long Besach, Calif. 90846

(Lateral)

1. STATEM(INT OF THE PROBLIM

The fuselage of a modern jet transport aircraft is designed to susiain danage consisting of two bays
of skin with & broken central stiffener in sither a longitudinal or circumferential direction. During the
development of just such a fuselage, several stiffened panels were designed and tested to determine their
residual strength characteristics., The panels with circumferential cracks, seasuring 60 inches wide Xy
12¢ inches long, were aade from 7075=T73 sheet material C.07) inches thick., They were stiffened by
T075=T6511 extruded siiffeners, placed at 8 inch centers to simulate fuselage longerons. Latersl itiffeners,
representing circuaferential frame members, were also included, The primary objective of the test progrem
was to determine the effacts of stiffener configuration and cross sectional area on' residual strength,

Pour different stiffensr configurations were included ss shown in Pigure 1. This example describes the
analysis and testing of these panels and also showe analysie~test correlation.

2. ANALYSIS

The residual strength of a stiffened panel containing a skin crack, {rom a skin fracture standpoint,
can be Jdeternined frue

o, Kﬂﬂ&(soo P)l/zl 1)

where Kc = plane strees fracture toughnes=«
& * half crack length
¥ = panel width
B « geometrical rarsmeter {function of a)

In this case the geometrical term 3 wes determined by "Lumped Sarameter Pinito Rlemert Mulniﬂ 1,2 ].
This wethod uses the Fortran Natrix Abstraction Technique, PONMAT{ 3] to sclve the necessary matrix
operations, The structura]l fdeslization used prixarily for the sircraft is shown in Pigure 2. The creck
is simulated bty successive disconnection of reactions from the centerline of the panel, The idealisation
shown in Pigure 2 represents one quarter of the actual structure, The crack tip etrees, oy ¢y i0 defined
a8 the stress in the nhorizontal dar adjacent to the simulated creck tip. Analysis is performed on doth
unati “Cened and stiffened panels having the seme grid configuretion, The term 0 {s calculated as fellows
for each crack length oonsidered;

] 8tiffened Panel
b - e
v’“ Unetiffened Panel

(2

where dyot is the wimulated crack tip stress. The flexidility of the fastening syetes which attaches the
stiffeners to the skine is an !mportant considerstion, An empirical equation, representing fastener
displacement 3, was used for thie analysis se followm:

tofrisos .8 <§;. %2-)) | ()
where P ® fastener load
| « gheet modulus
[ « fagtener diemetor
11 and t2 » thickness of joined sheets

This squation repreasmts fastener displacenent for aluminium ri.ets in altsinium sheet, The thickness of
the shear panel representing the fasteners as indicated in Pigure 2 {s calculated to have the same
flexibility as the rivets. The ares 6f the idea'ises tara, reprenenting skin in the simulated structure
shown in Pigure 2, is detemined using skin width halfway betwsen adsacont bars, The bure carry only
axial load and the panels carry shear load. Stiffener 1dealicatione for the four canss considered here
are shown in Pigure 2,

The strength of the stiffening elemonte plays an important role in the residual etrength of stiffened
panels, Briffoner strescea, as & function of crack length, are an dutjput from the anslyeia., The outer cap
ot the stiffener s the most critical due tc bending ceused by transfer of load from the cracked sheot to
the stiffener at the shear face of the fastening system, which ia offset from the stiffener neutral asis,
A unit stress of 100C pei was applied to the top of the panvla and reactions disconnected one st a time,
The resulting valuss of 8 for the four cases considered are shownm tn Figure ), It can be seen that 2 {»
higher than in the unstiffened panel oase for total creak lengths up tn about fourtesn inchee due to ioad
input from the broken central stiffener, For cyrack lengthe longer than fourtcem iaches the outer intact
stiffenere start to pick up 'ond snd the stress intensity at the crack tip te reduced delow that fur an
unetiffened panel, Stiffened stress concentration factors for the stiffener cuter cap are hown plotted
in Pigure 4,
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3. TIST REBULTS

The panels were mounted in s universal testing frame and uniarxial loade were applied at the dottos
of the panel through a whiffletree system by six hydraulic jacks. Two tests were conducted on each panel.
The dasage creatad by the first test was repaired as indicated in Pigure 1. The second test wma conducted
20 failure. In each case, & half inch long saw cut was made in the skin over a cut stiffener.

Uniaxisl constant amplitude cyclic loading was applied to prepagate a skin crack and then static load was
applied in increments to csuse fagt fracture, The primary objective was to detersine if a fasi fracture
could be arrested by adjacent stiffeners.

CASE 1 ‘Su Pigure 5)
n the case of the panel represented by case ! of Pigure 1, constant amplitude cvclic loading was applied

t0 & maximum stress of 15.5 kai (R-o,m/ow-o.%). The crack wes propagated to a total length of 1.95 inches
and stetic losd was then applied in increments up to a gross area stress of 28,15 ksi without fast fracture.
Slow stadble tear was observed starting at 20.7) ksi as indicated in Pigure 5. Slow stable tearing took
place from a total crack length of 1.95 to 2,17 inches during static loading. Cyclic loading was continued
at o maximum gross stress of 18.0 ksi with R « 0,05 until the crack total length was 3.5 inches. Static
load was again spplied up to 28.62 ksi without fast fracture, Slow stable tear started to occur at

18.87 ksi and the crack grew to & total length of 4.14 inches. It has been the contention [4) that slow
stadle tear will not occur until at least the stress level has deen resched, which was used o prupagate
the crack, These results confirm this contention. Cycling was continued at s maximum grose strece of

18,0 ksi with R « 0,05, Static 1oad was applied and fast fracture occurred st a gross strese of 28.6 ksi.
The crack was arreeted in rivet holes at the inner attachment row, Cycling was continued until the crack
had propagsted out of second rivet row at a saxizum grose area stress of 15.5 kst with R » 0,05, Static
load was again applied and the panel failed at s gross ares satress of 23.61 kai, The snalytical fracture
curve shown on Pigure 5 wus plotted from equation (1) using the value of K. obtained from the fast

fracture together with the § values plotted in Pigure ). Analysis=test correlation then ws accomplished

by predicting the correct residual strength for the full two bay crack, The stiffener strength curve in
osach case was determined using the analysis results shown in Pigure 4 together with material properties
obtained from the failed parts. It can be seen from Pigure 5 then that fallure stress was predicted with
good accurscy., The crack arrestad earlier than the analysis predicted due to its arrest in rivet holes.

f‘! 2 (8ee pigure §)

n the case of the panel represented by caese 2 the akin crack was propagsted to s tatal length of 2.0 inches
8t & saximum oyclioc strese of 15.5 kei with R « ,05, Static load was applied and fast fracture occurred at
24.8 ket after 1.21 inches of slow stable growth as shown in Pigure 6. 3low stadle tear in this case started
ot 16.3 kei. The orack wes arrested in rivet holes at the inboard row of rivets. During the previcus test
on this panel the crack had baen arrested between rivets at the inboard row of rivets in each stiffener,
Cycling was contimued until the crack started out of one of the inboard rivet rows, Static load was applied
up t0 23.%9 kai and the creck pmped into & hole in the outdoard rivet row, Tycling was continued at a
saxinum groes strese of 18.0 <si, R = 0,05 until the crack had started out of the cutboard rivet row.
Static load was applied and fast fracture occurred at 27.8 kmi on one side and the cre~k was arrested
between rivets in the inboard row of the adjacent atiffener foreing a ) tay crack. Loading was incressed
anvl fast fracture occurred again, and the crack was again arrested between rivets, The configuration at

thie point was & four bay crack, symmetrical adout a saw cut central stiffener, with crack tips detween
r.vets., 7ina) failure occurred st a grose streas of 35,09 kei which ie higher than the predicted failure
rirees for two bays of skin shown by Pigure &, Pigure 6§ does however predict the fast frecture strees %o

the next atiffener very accurstely. Anslysic was not conducted for the 4 day case.

ifl 3 ‘8« Pigure §)
¢ paael for cese ) was subjected to uniaxial cyclic loading to s saximue strvas of 22.0 kei{ with

R = 0.20. The skin crack vas propagsted to a total length of 4.98 inches, Static loading was then applied
in increments up to & Raximum grose etrese of 26.C kel without fast fracture. During static loading the
crack extended in total length by 0.2) inches. Sinw stable growth in this cese started at 22.0 kai, the
saxisua strees at which the crack was propagated, This procedure was repaated four tises as indicated by
the test and analysis results shown on Pigure 7, Past fracture occuired on the fourth attempt at 26,5 ksi
with a total creok length »f 8.24% {ncher indioated by point E of Figure 7. The orck was arrested between
rivets at the adjacemnt stiffeners at point P, Static loading wes reapplied and further slow stadle growth
occurred to a total orack length of 16,31 inches when total failure occurred at & grose stress of 31,2 kei.
This value was higher than the intersection of the stiffener strength snd skin fracture curves tllustrated
by poiat H ia Pigure 7.

if! 4 (See Pigure &)
¢ panel representing case 4 was sudjected to uniaxial cyclic loading up to a maximum gross etress of
22,0 kei with R = 0.20. The skin crack was propagated to a total length of 4.10 inchee whem the ryclic
Baxisum strewns was reduced to 10.0 ksi. This stress was used to propagate the crack to s total length of
8.3 inches. Statio locad wae applied and fast fracture occurred at a grooe etress of 21,1 kei after 1,9%
inches of slow growth, 8low etadle growth started at 18,0 isi, the last peak value of cyclic stress.The crack
was errested Detween rivets at the adjacent etiffenars. Static load was reapplied and the panel fajled at
a grose strees of 79.6 kei at & total crack length of 16.7 inches after 1.% inchas of slow stable growth
a8 shown in Pigure 8. It will be noticed from Pigure 8 that slow stable growth started st 18.0 kes, the
stress st which the latter portion of crack growth had been propagsted. The previously higher atress of
22.0 kei d1d not influence thia. An explanation of this is ss follows {4] ¢ when the stress level was
reduced from 22.0 kst to 18,0 kei at & total crack length of 4.1 inches,the value of 0 at this point was
1,41 from Pigurs ). The radiua of the plastic sone at the crack ti{p can be calculated from the frllowing
classicel equation for plane stress;
2
ok (5;) 0

Therefore at & total crack length, 2a,0f 4.1 inches and a strese, o, of 22 O kai, X is equal to 78.72 katVin.
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The yield strength of the skin material was 61.844 ksi from coupon tests. The plastic sone radius at the
crack tip was therefore 0.26 inches and the resulting value of a + r, was 2.31 inches. At the time of
static load spplication the total crack length was 5.3 inches and B at this point was 1.35 from Pigure 3.
The plastic sone sise using the lower cyclic strees of 18.0 kei was therefore 0,2 inches and the result=
ing value of a + r, was 2.85 inches. Since this value is greater than the value of a + rp for the higher
stress of 22.0 kei it can be seen that the crack tip is out of the influence range of the higher stress
and therefore glow stable growth would etart to occur at the lower stress of 18.0 ksi. Purther explans-
tion of this phenomenon can be found in the literature (4] .

4. CONCLUBIONS

It has been shown that ressonable accuracy can be expected in the calculation of reeidual strength for
stiffened panels using elastic finite element techniques. Becsuse of non-linear fastener load displacement
behaviour, this sccuracy is not always possible, particularly when skin materials having higher fracture
toughness are used. In this case, it may be necessary to resort to non-linear methods (See exsmple 3.3.3.3).
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6. COMMENTARY

This exsmple is a good i{llustration of the appiication of the approach discussed in section 3.3.1.1%
of this chapter. Contrary to what was proposed in that secticn, in this example the residual strength
properties of the stiffened skin are determined from fast fracture data of the stiffened panel itself
instead of from unstiffened panel data. However, this is not a fundamental point of difference. The
behaviour of the panel after fast frecture, i.,e. stresses and crack lengths at crack arrest after fracture
instability and at final panel failure, agrees very well with the behaviour predicted by the calculated
skin and stiffener curves,

This example clearly demonstrates that the applied method is t¢ De recommended in the design stage.
Bacause the method generstes both the skin and stiffener curves, the effects of modifications ia the deeign
on the residual strength propertiss can sasily be predicted on the basis of diagrams as shown ia
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BBIDUAIf STRENGTH OF STIFFENED 7075~TT3 PANELS WITH 20 INCH FRINE SPACING

T. Swift

IcDonnell‘ Douglas Corporation
(Literal)

1. STATEMENT (F THE PROBLEM

During the early developaent phases of a large comuercial transport aircraft, a study was undertaken
to determine the residual strength of panels simulating typical fuselage construction. Panels with cracks
in either a longitudinal or circumferential direction were designed and tested for that purpcse. The
panels wers made from 7075~T73 sheet material having a thickness of 0.071 inches. The panels with
longitudinal cracks measured 120 inches wide by 75 inches deep and were stiffemed by frwmes at 20 inch
spacing, parallel to the loading direction. Pour different frame configurations were included as shown
in Pigure 1. Analysis and testing was performed on panels with and without titanium crack stopper straps.
Lateral stiffening was provided by hat section longerons. The panels were intended to be used to gain
information which would be useful in assessing the strength of a fuselage containing a two bay longitudinal
crack., This example describes the analysis and testing for four of the panels and also shows analysis—~test
correlation. These four panels are dsscrided by Pigure 1.

2. ANALYSIS

Por the method of anslysis the reader is referred to section 2 of example 3.3.3.1. Just as in that
example,the geometrical term B, in the case of the four panels, was determined by finite element analysis
of an ideslized structure representing the panels. A typical idealization of the panels is shown in
Figure 2. The idealizations for panels 1 and 3 were assumed to be the same even though the frame-to-skin
shear clip was slightly different. Different idealizalions were used for panels ? and 4.

Stresses in the stiffening elements are an output of ihe finite elament analysis. In the case of panels 1,
2 and 3, the most critical stiffeners are the frames ¢t the center of the crack. The outer crack stopper
is the moet critical ctiffening element for panel 4 since the center crack stopper is assumed fajled.

The stress concentration factor for the stiffeners is given YWy o t/o' where g_, is the stiffener stress
and o is the gross area siress applied to the top of the panel. s The lndy-il results are shown in
Pigure 3.

3. TEST RESULTS

The panels were mounted in a test rig and uniaxial loads were applied through a set of whiffle trees
attached to the top and bottom of the panels. Saw cuts were made in the skins over s central frame and
cracks were propagated to pre~determined lengths under uniaxial loading. Loading was then increased
statically in increments with a view to causing fast fracture in the skins. The objective was tc cause
fast fracture at the highest stress which could be arrested by the adjacent frames. One of the reasons
for this was to assess the dynamic effects of crack arrest.

PANEL 1 ‘Sco Pigure 4)

In the case of panel 1, constant amplitude cyclic loading was applied to a maximum stress of 14.04 ksi

(R = u.n,/ow « 0.05)., The skin crack was propagated to a total length of 27.05 inches. Static load was
applied in increments up tc a gross area stress of 17.0 ksi without fast fracture. The crack tips extended
during static loading by a total of 0.45 inches. Cycling was continued until the total crack length was
29.0 inches. Static load was again applied without fast fracture. In this case, the alow stable crack
growth was 0.40 inches. Slow stable growth in both cases did not start until the static eiress

was higher than the maximum cyclic strese. An explanation of this phenomenon has already been gtvcn[ 1 ] .
Cycling was contimued at a maximum stress of 17.0 kst (R = .05). Past fracture occurred at a total crack
length of 35.0 inches and the crack was arrested in rivet holes at the adjacent frames. Cycling was
contimued to re~initiste cracks in the holes and static load was again applied. Pailure took place at a
gross area stress of 18.1 ksi with a total crmck length of 41.93 inches. The results of this test are shown
in Pigure 4. The skin fracture toughness was calculated from the stress and crack lengtl at fast fracture
through the use of equativa {1) oiven in ~xample 3.3.3.1 and B values shown in Pigure 3. The resulting
value was 92.76 ksi Vin. The skin fracture curve shown in Pigure 4 was plotted using this value. It can

be seen from Pigure 4 that the peak of the skin fracture residual strength curve is predicted very closely
by the finite element analysis when the actual fast fracture data is used.

The dynamic effects of crack arrest in this case can be no more than about 6 £ since the static failure
stress was only 1.1 kai higher than the stress at crack arrest. If the dynamic effects had deen any higher
than this, the crack would not have been arrested.

Pigure 4 illustrates the fact that the center frame strength criterion was alzost the same as the skin
fracture criterion with a 2 bay rrack (40.0 inches). In view of this, the center frame of parel 2 was
reinforced since the primary objective of the test was to fail the panel due to skin fracture,

PANEL 2 (See Pigure
e test procedure for panel 2 was essentially identical to that for panel 1. Again, the finite element

analysis was able %o predict the failure stress from a skin fracture standpoint very closely as indicated
by the failure stress of 15.48 ksi being very close to Lhe peak of the recsidual sirength curve., The
strength of the reinforced center frame is shown to be much higher than the unreinforced center frame of
panel 1 and yet the failure stresses are almost the same. This illustrates that the skin fracture and
stiffener strength criteria can be independent of each other as far as failure is concerned.

The dynsmic effect for panel 2 can be no higher than 6.8 % for this case for the reasons previously
described.
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PANEL 3 (See Figure 6)

In this case, the analysis would predict failure due to center frame failure if MIL-HDBK~5 B values were
used for frame strength, as used for panels 1 and 2. Temsile coupons cut from the frames of another panel
for the same material batch uased for the frames of panel 3 indicated a typical average ultimate strength
value of 79.64 ksi for the TO75~T6 frame sheet material. If the f'rame strength is based on the typical
value, Figure 6 indicates the failure criterion would be skin fracture,

In the case of panel 3, the dynamic effect would be no higher than 3 %.

PANEL 4 §See Figure 7)

This panel was fitied with titanium crack stopper straps. A 4 inch long saw cut was made in the skin over
a crack stopper strap. Cyclic loading was applied to give a maximum gross area stress of 15.0 ksi with

R = 0.05. After 13,125 cycles a 1.0 inch long crack was detected in the crack stopper and the 4 inch saw
cut had extended to a total length of 6.6 inches. It was decided to increase the cyclic stress to a
maximum of 16.4 ksi (R = .05) to compare crack growth with a previously tested panel. The skin crack was
propagated to a length of 18.02 inches at which time the total mmber of cycles was 14,866. By this time
the crack stopper was completely failed. The center frame was reinforced as in the case of panel 2, but
the center crack stopper was left failed, Static load was applied to attempt to fast fracture the skin up
to a gross area stress of 20.14 kei., During this application of load, slow stable growth started to occur
at about 16,2 ksi. The amount of growth was 0.32 inches. Fast fracture occurred on the second siatic load
attempt and the crack was arrested at adjacent frames in rivet holes. Cycling w.s continued to re-initiate
the cracks and static load was applied to 25.12 kei when failure occurred. Sections of the outer crack
stoppers were removed and tested in tension. The straps were tested as a whole, including the rivet holes.
The average failure stress was 158.75 ksi for the Ti-8A1-1Mo-1V material. The residual strength curve
using this value is shown in Figure 7. It can be seen that the finite element analysis would predict this
failure very well.

The benefits of the titanium crack stopper straps can be seen when comparing the allowable siresses for
the 2 bay crack case with the reesults of panels 1, 2 and 3.

4. CONCLUSIONS
It has been shown that the residual strength of stiffened panels containing large cracks can be
predicted with reasonatle accuracy using elastic finiie element methods provided skin material K, and
stiffener material F;, values are known. For the type of construction described herein the dynamic
effects of crack arrest are small.
5. REFERENCES
1. Swift, T., "Application of Fracture Mechanics to the Design of Damage-Tolerant Stiffened

Aircraft Structure”.
Published in "Practure Prevention and Control", American Society for Metals, 1974.

6, COMMENTARY

The same commentary as given in example 3.3.3.1 applies.
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EXAMPLE PROBLEM 3.3.3.)

THE EFFECTS OF RIVET YIELDNING ON RESIDUAL STRENGTH OF STIFFENED STRUCTURE CONTAINING CRACKS

T, Swift

McDonnell Douglas Corporation
(Literal)

1. INTRODUCTION

The residual strength of a riveted structure containing cracks can be determined using elastic finite
element methods. These methodas have been shown to give reasonable resulis when the skin material fracture
toughness is comparatively low [ 1]. In these methods, the simulation of rivet flexibility is essential to
obtain reasonable analysis=test correlation. When material fracture toughness is high and when the crack
tips extend beyond the crack arresting stiffeners, it is often necessary to consider nonlineer shear
dieplacement characteristics of the rivets. If this is not considered, one can easily be misled by the
slastic analysis results. Certain difficulties exist with non-linear finite element analyses. These
difficulties are mainly associated with computer operational costs. Displacement compatibility methods
offer considerable reductions in computer running time and the use of this approach together with non-
linear trastener displacement characteristics becomes economically feasible. This example briefly describes
just such an analysis which correlated with testing extremely well.

2. STATEMENT OF THE PROBLEM

During the development test phase of a large transport aircraft, a stiffened panel containing a 2 bay
skin crack with a saw cut central stiffener, was tested for its residual strength. The panel, measuring
120 inches long by 60 inches wide, was made from 2024-T3 sheet 0.071 inches thick. Stiffeners, spaced at
8 inches, were made from "hat" section 7075~T6 extrusions, 0.5471 square inches in cross—sectional area.
A skin crack was propagated into two skin bays, normal to the longitudinal stiffening and equally spaced
about a central saw-cut atiffener. Static loading was applied to failure after the skin crack iips had
propagated beyond the crack arresting adjacent stiffener.

Failure of the panel was precipitated by rivet failure over the entire length of the crack arresting
stiffener at a gross area stress of 39.7 ksi with a half crack length of 9.88 inches. Elastic finite element
analysis would predict the failure mode as being rivet critical but the allowable gross stress at failure
would be too low by a factor of 3.5 o 1 . This analysis indicates that the load in the first rivet,
adjacent to the crack in the crack arresting stiffener, is extremely high. In fact, conciderable non=-

linear displacement of this rivet occurs causing adjacent rivets, progressively further away from the

crack, to accept more load. When this occurs the stiffener becomes less effective in reducing the crack

tip stress intenaity factor and the panel gross allowabls streas, from a skin fracture standpoint, is
reduced. This effect, of course, canno:t be assessed by elastic analysis.

3. ANALYSIS

The analysis uced to correlate the results of the panel test was based on the displacement
compatibility method. The details of this method are presemtoed in the literature [2] . Figure 1
illustrates the method and as can be seen from the figure, either adhesively bonded or riveted structures
can be corsidered. Correlation of an adhesively bonded test panel, using this approach, appears in the
literature [3] . The approach is based on equating displacements in the cracked sheet with displacements
in the stiffening elemente after taking account of fastening system flexitility. Displacements in the
crack.! sheet are calculated at discrete points using the Westergaard Complex Stress Function approach.
Fastening system flexibility and stiffener bending are both accounted for. The number of effective rivets
on each side of the crack in each stiffener is usually 15. This was determined by obtaining solutions with
differept number of effective rivets assumed and then plotting crack tip stress intensity factur as a
functiorn of number of effective rivets. This plot becomes asymptotic at approximately 15 rivets for the
2 bay crack case with a broken central stiffener. A matrix of influence coefficients is inverted to obtain
all the rivet loads. Crack tip stress intensity factor in the sheet is then determined from
Muskhelishvili's methods [4] » The elastio~plastic load displacement characteristics, obtained from simple
lap splice tests, wes simulated by the tri-elastic model shown in Figure 2 for the test panel under
consideration. The computer program, developed for tnis case, first generates an elastic solution based
on the elastic slope of the rivet load displacement curve., All rivet loads are then compared to the tri-
elastic model and the rivet flexibility matrix is then re-generated and a second solution produced. This
procedure continues until the crack tip stress intensity factor difference between successive iterations
is less thon a specified value., The final stress intensity factor, for the specific applied grose area
stress and crack size, is printed out together with all rivet loads and stiffener stresses.

4. ANALYSIS RESULTS

The analysis results for the first elastic iteration of the test panel configuration are shown in
Figure 3, The skin fracture curve is plotted uring 8 values (see analysis in example 3.3.3.1) obtained
from the program together with a skin fracture toughness value K, of 197.87 kci VIn, obtained from fast
fracture of a previously tested stiff-ned panel of different configuration from the one considered here.
At the failure half crack length or 9.88 inches, it can be seen from Figure 3 that the gross allowable
stresses are 11.5 kei, 32,5 ksi and 53.6 ksi from rivet failure, stiffener failure and skin fracture
criteria respectively. Actual failure took place at 39.7 ksi. It can be seen therefore that oae could be
misled by the results of an elastic analysis. The elastio-plastic computer program has the ability to
consider the effects of rivet failure and Figure 4 shows rivet displacement as a function of gross area
atress for various number of rivets failed starting adjacent to the crack. As can be seern from the “igure
tiere is conasiderable difference between elastic and plastic solutions. With all the rivets intact the
first rivet yields at a gross area stress of only 6.808 ksi. Yielding continues as the gross area stress
is increased until point J is reached on line CD, when failure of the first rivet occurs,
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Line CD represents the average failure displacement of the rivet. Lines AB and NF represent lower and
upper bounds of rivet failure displacement respectively. The crack tip stress intensity factor as s
function of groes area stress is shown in Pigure 5. The upper curve oconsiders that all rivets are intact
and the other curves are for different number of 1ivets failed, When the first rivet fails st constant
gToss area stress the stress intensity factor increases as can be seesn in Pigure 5. The vertical line AB
represents the critical strees intensity factor of 197.87 ksi Vin., obtained from a previous test. The
vertical line CD represents a X, value of 215 ksi VIn. used for illustration purposes later.

Pigure 6 shows a oross plot of the intersection of vertical line CD of Pigure 4 with the rivet displace-
ment curves. This cross plot is titled Rivet Failure Curve. Similarly, vertical lines AB and CD of
Figure 5 are cross plotted in Pigure 6 and are titled Skin Practure Curve X, = 197.87 kei VIn. and

Skin Practure Curve X, = 215 ksi Vin. respectively, Figure 6 represents a residual strength diagraa for a
half cruck length of 9.88 inches. To illustrate how this diagram works, assume for the time being that the
skin fracture toughness K, = 215 ksi VIn: Loading is app..ad slowly and the first rivet adjacent to the
crack fails at point A of Pigure § corresponding to grose area stress of 39.5 ksi. The panel allowable
from a skin fracture standpoint immediately drops from point B to C. Total failure does not however take
place because the panel allowable based on second rivet fajlure has incressed to point D since this

rivet is further away from the crack and thereforse less critical, The load is still only at 9.5 ksi
represented by point ¥ and therefore lower than C or D. Total panel failure would now occur if the load
is increased to point C due to skin fracture. In the case of the panel under discussion the fracture
toughness K; is only 197.87 ksi Vin. When the first rivet fails at 39.5 ksi gross stress, represented dy
point A of Pigure 6, the entire panel fails due to fracture instabtility in the skin, since the psnel
sllowable from a skin fracture standpoint drops from point P to point G, which is below the spplied strees.
This value is less than 1 £ lower than the actual panel failure stress of 39.74 ksi. Variation in rivet
failure displacement, represented by the lower bound line AB and the upper bound line EF of Pigure 4,
would give varistion of panel failure between points G and F of Pigure 6. The explanation here is that

st the lower bound point G of Pigure 4, failure of the first rivet would occur at 37.5 kei. This is lower
than point G of Pigure 6 so the load could be increassd tc 39 ksi, represented by point G of Pigure 6.
Consider the uoper bound point H of Pigure 4, where the first rivet would fail at 42 ksi. In this case
the panel failure stress would be limited to 41 ksi represented by point P of Pigure §, This then repre-
sents a spr-ad in allowable between 9.0 and 41.0 ksi equivalent to minus 1.86 and plus 3.17 per cent of
the actual failure stress,

5. CONCLUBIONS

It has been shown that when crack tips extend beyond the crack arresting stiffeners of a panel
containing a two bay crack that elastic analysis will not predict the true gross stress at failure.
For the configuration discussed, consideration of the elastio-plastic rivet load-displacement
characteristics gave excellent correlation with test results. This elastio-plastic analysis was made
economically feasidble with the displacement compatibility method whereas non-linear finite element methods
would have been extremely costly.
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7. COMMENTARY

This is an excellent examrls of the application of fracture mechanics techniques to predict the
behaviour of stiffened punels as a function of applied load. By performing analytical studies as
described in this example, even during the design stage of an air-maft the designer can find out
which structural elements will precipitate failure. If the results do not meet his requirements, on
the basis of such an analysis he is able to modify his design.

Finally, this example clearly demonstrates that on the basis of purely elastic computations one may
easily come to wrong conclusions when the prediction of residuzl strergth behaviour of a structure
is involved. In this respect analytical methods are preferable to finite elcwent methods because
yielding of one or more elements can easily be incorporated in the computation procedure.
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EXAMPLE PROBLEM 3.3.3.4
THE UBE (F RESISTANCE CURVES IN RESIDUAL STRENCTH PREDICTION

D.P. Wilhem

Northrop Corporation
Aircraft Division
Hawthorne, CA 90250
U.S.4.
(Literal)

1. STATEMENT OF THE PROBLEM

Since the last forsal symposium on the development of crack growth resistance data [l] ¢ 8sveral
studies have been reported on materials’ resistance to fracture [2,3] . The use of these dats on real
life, structural problems, however, has been linited., Ratwani and Wilhems [4 presented a summary of the
predictive results of an extensive residual strength study given in [2] . These predictions were nade
using a J~integral based resistance curve which accounts for the materials' elastio-plastic dehaviour.
This example will describe the analysis, predictive techniques and fracture tests
of & representative crucked airoraft structu=e, namely an angle stiffensd wing panel. The geometry of
these alumimm test panels 1s shown in Figure 1. These panels represented a 29 § stiffening matio,
typical of large transport aircraft lower wings. Two conditions were examined; & creck at an intact
ocentrel stringer and at a broken central stringer.

2. MNETHOD OF ANALYSIS

Ten steps are involved in the analysis procedure. These sre summarised delow and have this
typical pattern for all predictions. Details of sach step are given in [2] .

Step 1 ~ Nodel the structure for finite slement analysis or use existing finite element modeling.
Special considerstion must be given to fastener modelling to account for flexibiiity.

Btep 2 = Select a crack length of interest and five other lengths based on the ratio of mlf
crack length, a, to stiffener spacing, s, ¢.g. &/s up to 1.1,

St.op 3} ~ From steps 1 and 2, perform non~linear calculations assuming Dugdale plastic sons dehaviour.
Step 4 ~ Prom st2p ), calculate stiffener strecaes as a function of applied strees.

Step S = Pros the computed crack opening data of step 3, plot the \/.Tnnu- spplied panel stress
%o yield stress ratio, ozr““. for various crack lengths.

Step § = Crose plot the data from step 5 s \/J-nnua crack length for specific applied stresses.
‘SBtep 7 = Determine gross panel strees for s selected crack sise at ultisate stiffener stress.

BStep 8 - Obtain crack growth reeistance data for the skin material {a terws of Jl versus slow creck
extemsion, Aa,

Step 9 = Plot the data from step 8,

Step 10= Overlay the \{X—nnua crack size curve of step § on the dats of etep 9 at the crack leangth
of interest. Determine the amount of predicted slow tear, If greater than 0.2% inch, the
structure will protubly be skin criticel. If lees than 0.25 inch of slow tear is indicated,
then a conservative estimate of residual stoength will be made weing step 7 data. The

predic inetability, 1.9, fracture stress will be the point of tangency between VJ curve
and Jas
]

*If a skin critical fracture ie anticipeted, this step can be eliminated.

Using the above ten steps, the residual strength diagreme were developed ss showm in Pigure 2 for the
intact stringer case, Predictions will be made of fracture and slow tear using this diagram.
On the VJ versus crack size plot for the panel, the {¢JR versus dapyy material resistance curve is
overlayed at the initial physical crack length, 1of interest, The appiied streas at which VJy veraus
and VJ versus spyy curves become tangential will deterwine the atregp at which instabilily occure
and the crack propagates rapidly. After this point of inetadbility, if the VJ curve for the panel dipe
below the VJ, resistance curve of the material, the crack will be arrested, otharwise it will propagate
ututmphicdly. The streeses in the stringer which are obtained from the slastinplastic snalysis and
the ultimate strength of the stringer material are used initially to wetermine if a stringer critical case
prevails. The ultimate strength of the stringer material (707576 extrusions) was found to be 57.2 kai
from tensile test data. Using this ultimate strese value and the Dugdale type elastio-plastic analysis,
the failure of the .entral stringer (angle) at a half crack length of 2.779 inchee (initia: half crack
l‘?‘tb in the tested panel) is predicted at o/o a = 0:7. Superimposed on the plot of Figure 2 is the
R versus A‘f"’f resistance curve of the 7075!‘% erin materisl plotted at the sam~ physical half crack
length of 2.77% inches. It {e seen from this figure that at the stringer critical stress o/ay 414 * 0.7,
there will be consideradble slow tear in the skin. Therefore the computed failure stress of the central
stringer for & half crack length of 2.77) inches will not bde valid dus to this extensive slow srack growth,
Pailure in & panel with this initial crack length will de ekin critical. A failure of a skin critical
structure will be given by the point of tangency between VY versus "a® curves for the panel and the V
resistance curve of the material. Pwom Pigure 2 the resistancey curve of the material plotted (dashed line)
at & half creck length of 2,775 inches is tangential to the VJ versus crack length curve of the pane’




at an applied strées of 0/0yi414 = 0.545 (point A in Pigure 2). The firat point of crack instability
occurs (after a slow crack growth of Aa, see Pigure 2) at this stress snd the crack staris a id
advence. However, from Pigure 2, it is noted that at a half crack length of 4.45 inches, the curve
for the panel drops lower than the resistance curve of the material (point B), i.e. beyond this point

the resistance of the material is higher than vI developed in the stressed pancl, and hence the running
crack will become arrested. The crack was arrested at the rivet hole in the intact stringer panel where
the stringer ia comnected to the skin., The resistance curve of the skin material is now replotted at a
half crack length of 5.5 inches {distance from cénterline of the stringer to panel centerline), wherse the
crack became arrested. Por this crack length the VJ curve of the panal becomes tancential to the
resistance curve at an applied gtreas of G/dyj old * 0.645. Hence crack instability occurs at that stress
and the crmck starts running catastrophically. Beyond this point of instability the vJ values in the
panel are higher than the resistance curve of the skin material and, therefore, no possibility exists for
crack arrest. The VJ curve of the panel will continue to rise under increasing load until the influence
of the next stringer on panel stress is folt (11 inches from the centsrline of the panel), and the %3
value will once again have a decreasing trend and reach a second minimum at that point. From the trend of
VY curve in Pigure 2 it is evident that at an applied stress of o/0, 414 = 0.645 the VI value of the
panel will be higher bdeyond a half crack length of 7.5 inches. Therelore, no possidility of crack arrest
is possible at the second stringer, i.e., 11 inches from the centerline of the crack, under incressing
load conditions.

3. TEST RESULTS

The test panels were mounted in a 500 kip, electro~hydraulic load frame. Loading was accoaplished

through a slotted clevis attached directly to bolted=on=grip ends, Twenty strain gauges ware pilaced
at various locations on the angles and skin, and dsta recorded continucusly to failure.
Prom the initial Jeweler's saw slot, both panels were logded to stress levels which would produce a
maxizum stress intemsity level (for fatigue) of 15 kei Vinch at a stress ratio (R) of 0.1, This fatigue
cycling produced an overall crack length of 5.55 inches for the intact central stringer csse and 5.46 for
the broken stringer case,
The intact stringer panel was then tested to failure. Slow tear started at a load of 60 kips

(9/0y1e1d of 0.32). At this applied load, slow tear at each crack tip was about 0.02 inch. The first point
of instability (rapid crack extension) occurred after an applied load of 60 kipe and before a losd of
111,7 kips. A%t 111,.7 kips the crack had already reached the angle stiffeners and was arrested. The anaiysis
predicted the first point of instability ut an applied stress of 0.545 0y4a1q (104 kipe, see Pigure 2).
After the crack had advanced to the angle stiffeners, the panel was abdle o withstand a load of 111.7 kipe
(a/aﬁ,ld = 0.53) without any further slow tear. A% this applied load, the slow tear snalysis from
Pigure 2 is approximately 0.05 inches, This is,less than the radius of the rivet hole. The measured
residual strength of the panel wss 116.1 kipe compared to the predicted load nf 123.4 kips (a/a,,_.ld -

« 0.645), & 6 % difference in predicted load,
Since the broken stringer panel was identical in geometry to the previous panel, an elastio-plastic
snalysis was computed only for the tested crack length of approximately 5.5 inches. The elastic and
slastio~plastic VJ values for the broken central stringer case are higher in toth analysca. Eence, the
VJ values will be higher at the same crack length and applied strees, Thus, in the case of the drokemn
stringer, the first point of instability will be at some stress lower than o/c eld * 0.545 and crack
srrest will occur, 8ince the testad crack lengths for the droken and intact otgmr panels were similar,
the \’3'“ values at faiiure for these two panels should also be expected to be similar. Using the

redicted value a/c eld = 0.645 the elastio=plastic analysis for a half _cr length of 2,75 inches
Pigire 2, intact siringer) the VJ value at failure i 31.7 (in. = 1bs./in.2)1/2, Using this VI value
and the elastio-plastic analysis for the broken stringer panel with a half crack length of 2.75 irches
(Pigure 2 ), the predicted failure stress is d/c {a1d * 0.553 or 106.7 kipa, T™ha actnal failure losd was
107.2 kips. Thus, the predicted load wvas within 6.” percent of the actual failure load.

4. CONCLUBIONS

The procedurs outlined here and described in more detail in Reference{d, can be used to predict the
residual strength of typical aircraft structure losaded in uniaxial tension. The slow tear, crack arrest,
and elastic-plastiac fracturw can be predicted using a creck growth resistance approach and suitable Dugiale
type plastic sone sasuwzptions. .
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6. COMUNTANY

The present example clearly 1llustrates the different steps that have to be carried out when
applying the reasistance curve approach for residusl sirength prediction of stiffened panels. Apparently,
the criterion that determines whether in a panel with & certain initial crack length failure will be
induced either by skin fracturs (skin-critical case) or by stiffener failure (stiffener-critical case)
is based on the amount of stable crack growth in the skin (from the initial crack sise) at the siringer
failure stress, the smount of 0.25 inch being the limit value (see step 10). If at that stress the amount
of predicted slow tear 1s greater than 0.25 inch, then the structure will be skin critical, otherwise
stringer critical. On the basis of this criterion s comparison of predicted and measured failure loeds
of various panel oconfiguraticns [2,4] showed that the accuracy of prediction is usually much better than
10 percent.
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EXM(PLE PROBLEN 3.3.3.
APPLICATION OF FRACTURE MECHAMICS IN DESIGNING LOWER SURPACE OPF TRANSPORT AIRCRAFT WING

V.G, Nanduri

The De Havilland Aircraft of Canads, Ltd.
Downaview, Ontario MX 1T5

1. STATEMENT OF THE PROBLEM

The fail-safe integrity of aircraft primary etructure is usually shown to be sdequate bty conducting
Damsge~Tolerance tests on stiffened panels and full scale airplane. Several methods of analysis, vis.
Pinite Klment Mothod and Analytical Nethods are used at various stages of the design. One of the methods
that provided reasonadle correlation with ¢ li data can be useful ip the preliminary design stage. This
simple method originally proposed by Pigge 1] will be illustrated by considering narrow test panels
similar to the lower surface of a transport aircraft wing. (Pigures 1, 2, 3 and 4).

2. MNETHOD OF ANALYSIS

The cracked stiffened panel under consideration is assumed to be a composite material with the skin
and stiffeners representing tho zatrix and fibers respectively. The application of the law of
mixtures along with (1) the notch strength analyzis of Kubn [2] for shuet failure and (2) the proportioual
1imit of the stiress—strain curve as the limiting stress for the stiffeners, provides the net section siress
for total panel failure as

) )

2a

1~ (=P

K =100, (o) | —E
1 ()

/2

were

8, = initial semi-crack length

Ar-h = net se.tion arss of skin

An-'t = total area of intact stiffeners

“Aant Apat

= material constant Zor the sidn of spacific thickness
= gtatic notch strength factor

= proportional limit of the atiffener

= net section failure stress

= ultimste strength of skin naterial

= panel width

L i s

The above squation expressed as gross failure stroes of the penel is given by

[su(w'o)" ] [pL An-ut]
S |Ema_| * | ®E

st a-et
where

t w gkin thickness

A‘_“ = total area of intact plus brokem stiffeners

The choice of the parsmeter C_ is an importsnt one. Analysin of data from reported unstiffened panel tests
on 2024-73 indi ated thal lower C_ values as obtained from tests 7nh buckling guides may not de suitable
in a design situation. For panels described here Cp = 0.129(mm)~1/2 was asmumed {1] .

3. COMPARISON CPP ANALYSIS AND TEBT

The residusl strength of panels 1, 2 and 3 (Pigures 2, ) and 4) calculated as per the above squation
and the test results are given in Tadle 1. FProm the table it can he seen thal the analysis and test
results are in ressonable agreement for panels 1 and 2 (analysis is slightly unconservetive), The failure
mode for panel 3 is due to fastener failure as opposed to complete failure of panels 1 nnd 2 (Pigures 5
and 6) and hence the lack of correlation between iest and analysis. Configurations such as that of panel 3}
will Rave to be anslysed for fastemer failure by the more rigorous methods such se thatof Viieger (3] .
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5« COMMENTARY

The method for the prediction of residual strength of stiffened panels as applied in this example
and based on the notch-strength aualysis of Kuhn and Pigge [1,2] s is a very simple and approximate
engineering method. In spite of its simplicity it provides a reastnable estimate of the panel fsilure load.
This zethod can be useful in the grelimim design stage of an aircraft. In a later stage of design the
approaches proposed by Swift and Viieger (Stress intemsity approach) and Wilhem (R-curve approach) are to
be recommended, because these methods provide more information to tne designer. Apart from the failure
load, the latter methods predict the behaviour of a stiffened panel with increasing load, including the
crack arrest capabilities, 28 a function of crack length.

Cm Sy PL | Agst | Anst w t 2a, Sg ng L
No. | (mm-%)| tpa) | pat | tmm2) | tmm2) | (mm) | mm | tmmd [R2VSS) ES0 | £oficence

0.129 |485.87 | 384.24 |1855.16| 1586.45| 891.54| 2.54 |171.96| 260.47 | 237.32 9.76

0.129 | 482.63 | 424.03 | 1565.80{ 1043.87 | 684.28| 2.54 |228.60( 219.61 | 212.08 3.55

0.129 | 485.87)394.24| 51£ 74| 5156.74 | 323.60| 2.54 [203.20{ 22049 | 175.75 e

TABLE 1: CORRELATION OF ANALYSIS AND TEST FOR NARROW PANELS (1 ksi = 6.8947 MPa)
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FIGURE 1: SCHEMATIC VIEW OF WING BOTTOM SURFACE (ALL DIMENSIONS IN MILLIMETERS)
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FIGURE 2: DETAILS OF THE NARROW 7-STRINGER PANEL (ALL DIMENSIONS IN MILLIMETERS)

PANEL 2 BROEEN SAW CUT
254 72 3o 5 ‘I’
i _ |
N 2 |
127 127 $ 1 } 127
b 1143 ke 114.3]
684.28 i
SKIN: 2024-T3 Aluminum clad

= 482.63 MPa (Coupon Test Results)
STRINGER:__2024-T4 Aluminum Extrusion
Bonded with FM123-2 Giue; tn addition
2 rows of 3.97 mm dia. rivets at 31.75 mm

pitch
Py = 424 MPa (Coupon Test Resuits)

FIGURE 3: DETAILS OF THE NARROW G-STRINGER PANEL (ALL DIMENSIONS IN MILLIMETERS)
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FIGURE 4: DETAILS OF NARROW 2-STRINGER PANEL (ALL DIMENSIONS IN MILLIMETERS)
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EXAMPLE PROBLEM 3.3.3.6
RESIDUAL STRENGTH OF BONDED PANELS WITH 2024~T3 SKIN AND 7075~T73 OR 2024-T3 STIFFEMERS

H. Viieger

Vational Aerospace Laboratory NLR
Anthony Fokkerweg 2, 1059 CM Amsterdam
The Netherlands

1. STATEMENT OF THE PROBLEM

During the predesign stage of a new aircraft some residual strength tests were carried out on lower
wing panels congisting of 2024~T3 skin and 7075-T73 stiffeners. The stiffeners were bonded to the skin.
Two bonding materials were investigated, viz. Redux and FM 123/5. More detaila sbout the structural design
are presented in Figure 1. To avoid an expensive clamping arrangement in connection with {ue prevemiion
of initial bending, the actual configuration was idealized to a configuration with bonded stiip stiffen~
ers having approximately the same cross-sectional area. Owing to this investigation being performed
primarily to study the behaviour of the bonding layer (and particularly the posaible occurrenmce of debonding
of such heavy-sized cracked panels) this idealization was considered to be allowable because such
idealization is conservative with respect to the load transfer via the adhesive layer, i.e. the load
transfer ray be oxpected to be greater than that in the actuul structure. The tests showed in a few cases
that some smallescale debonding of the sheet-stiffener connection occurred in the region of the crack.
Further, the panels proved to be akin~critical, i.e. fracture instability in the panels was induced by
failure of the cracked skin.

Because the panels were skin-critical it was a point of interest to investigate whether and by how much
the residual strength of this panel configuration would degrade if the stiffemers were made from 2024~T3
instead of 7075-T73 (in view of a possible improvement of the fatigue properties when using 2024~T3),
This point has been studied analytically using a computer programme that allows determination of sheet-
stiffener interaction in sracked panels with bonded stiffeners [1] . In doing so the following procedure
was applied. Firstly, the residual strength was calculated for the panel configuration with 2024-T3 skin
and T075~T73 stiffeners. These computational results were compared with the test results to see whether
the bonding connection was modelled properly. After that, using the same stiffener-bonding layer
idealization computations were carried out for the panel configuration with 2024~T3 skin and stiffeners.
The present example gives the results of the computations and the analysis-test correlation.

2. MNETHOD OF ANALYSIS

2.1 ?nmuinitn

The analysis iz based on the stress intensity factor approach, as applied to ductile materials. The
principles of this method are discussed in section 3.3.1.1 (d) of this chapter. It wvas found that a
residual strength prediction for stiffened panels with a ductile skin material like 2024-T3 requires the
following data:

(1) s relation between the critical atress, d., and the effsctive crack length, a_,, » 8. + Iy, of the
c off c P
unstiffened panel.
(i4) curves of K = const. of the stiffened panel in a plot of siresses versus crack lerngths.

(i) Residual strength data of the unstiffened panel (o, versus a,) are shown in the upper half of

Pigure 3. The test data appear 1o obey the net seciion yield failurs criteriza (frem cotpon %csts on the
skin material o ;419 = 318 MPa was found, while the panel width equals 370 mm). Prom the net section

yield line, labelled in Pigure 3, relations between o and a,ee Were determined {ase curveslabslled (&)

and @ in upper half of Pigure 3) for two well-kmown plastic zons correction factors, Tpy viz. that of
Irwin 2
X

. ,

r. owie [ Ee (1)
Pl on ("yiold)

and Dugdale

2
n X
T ® —————— (2)
P2 " T (a yiel d)
In equations (1) and (2) the stress intensity facter, K, has also to be expressed in terms of aure to
allow an elastic analysis (see mection 3.3.1.1 (d) of this chapter). This implies that for a certain stress

level the ro-values have to be determinéd by an itsrative procedure, starting with the o, and a; values
given by the net section yield line,

"(41) To determine the X = const. curves of the stiffened panel, the in-house developed analytical programme
BOND was used 1] . This programme computes the sheet—stiffener interaction for cracked panels with bonded
stiffeners as a function of the panel end stress, o, and accounts for yielding of stiffeners and bonding
material. The elastic and plastir extensional and shear stiffnesses of stiffener and adhesive are incorp-
orated in the programme by usirg linearized versions of the o—¢ and T—y diagramof stiffener aad adhesive
respectively.

To compute the sheet~siiffener interaction for the present panel configuration the stiffemer and bonding
layir were idealized as shown in Figure 2. Emch stiffener was divided widthwise in three strips and each
strip was imegined to be commected to the sheet at "n" points each side of the crsck line. The number of
eloments and the length of each element was adjusted to the expected stress gradient in the stiffenar. For
the present problem "n" was closen to be equal to 9. The element lengths are given in Mgure 2. The lcad
transferred by each element war assumed to be uniformly distributed ovsr the elament (see Figure 2).

The computation procedure operaies broadly as follows. The prograxme starts for a certain crack length and
a panel end stress o equal to unity with the computation of the interacting forces on each element based
on sheet-stiffener compatibility at the element ends.Using the calculated element loads ihe stresz intensity
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factor and the maximum load are determinod. At the termination of this first astep the panel stiress level
is dctermined at which yielding of a stiff'ener or bonding element will start anywhere in the structure.
That stress level is used ac the o=value for the second step., After the second step the panel stress is
increased with predetermined stress increments after having modified the stiffness of the stiffener or
bonding element that started to yield. After each increment the stress intensity factor and the maximum
stiffener load are determined. The procedure of increasing stress, checking whether other elements start
to yield and if so, modification of the relevant stiffness, is continued until a predetermined siress
level is reached.

By applying this cal rulation procedure for a number of crack lengths the stress intensity factor (correct~
od for yielding of stiffener and bonding layer) can be found as a function of panel stress and crack
length. In this mciner the K = const. cuives, plotted in the lower half of Figure 3, were found for the
panel configuration with a 2024-T3 skin and 7075~T73 stiffeners. In this case all the gtiffeners were
intact.

2.2 Computation of stiffened-skin curve

The computation of ithe sitiffened=skin curve (ac versus ac) is illustrated in Figure 3 for a panel
configuration with five intact z+iffeners containing an effective crack length agps = 75 mm. The failure
stress levels of the unstiffened sheet corresponding with this crack length are given in the upper half
of Figure 3 by points A and B for the Irwin and Dugdale plastic zone corrections, respectively. Using the
K and the r_-values beloaging to these points (see Table 1), and plotting those in the lower half of
Figure 3, a point on the stiffened skin curve (ac versus %3 will be found. By applying this procedure
for a number of ages values -(see Table 1) the stiffened-skin curves labelled and @ in Figure 3 will
be obtained.

In the same way the stiffened=skin curve of the same panel configuraiion but with a broken central

~ stiffener was obtained. The results are shown in Figure 4. .

3. TEST-ANALYSIS CORRELAIION

A comparison of the computaticnal results with residual strength test data is shown in Figures 5
and 6. Concerning the tests it has to be remarked that the plotted crack lengths at panel failure are
rather doubtful. During the final pert of the test, just before panel failure, the panels showed a large
amount of stable crack growth at approximately the same stress level,

Comparing the analyticel results with the tes* data it can be concluded that the predictions according to
both the Irwin and Dugdale approaches agree fairly well with the test recults. The predicted residual
strength values as given by the top of the respective curves are within 10 % accuracy. Apparently the
behaviour during stable crack growth of the panels with a broken central stiffener is best predicted by
the Dugdale corrected curve (see pamel 3 in Figure 6).

4. PREDICTION OF RESIDUAL STRENGTH FOR 2024-T3 PANEL

Applying the same procedure as described in section 2 the gtiffened-sheet curves were determined for
the same panel configuration but now pravided with 2024~T3 stiffeners instead of 7075~T73. In doing so,
only the Irwin plastic zonw correction was considered. The computational results are shown in Figures 7
and 8 for panels with intact and truken central stiffeners together with the results of the panels with
7075-T72 stiffeners. The residual strength appears to be reduced by approximately 17 % when changing from
7075~T73 to 2024~13 stiffeners. Further, it can be noted that in considering the shape of the stiffened-
sheet curves for half-crack lengths of the order of the stiffener pitch the panels with 2024-T3 stiffeners
show a less pronounced rise in the curve than those with 70751773 stiffeners. In fact, for the 2024-T3
panels with intact stiffeners (see Figure 7) there is only a horizontal part in the stiffened-sheet curves
instead of a rise. This implies that these panels will not show crack arrest properties (see section
3.3.1.1 (b) of this chapter).

5. CONCLUSIORS

(1) The residual strength properties of panels with ductile skin materials like 2024 can be predicted
with sufficient accuracy using the stress intensity factor approach (see section 3.3.1.1 of this chapter).
(i1) For the present panel configuration the residual strength was reduced by approximately 17 % when using
"024~T3 stiffeners instead of 7075~T73 stiffeners. This reduction was independent of the condition of
the central stiffener (intact or broken).
(iii) The crack arrest properties of panels with 2024~T3 stiffeners are inferior compared to those of panels
with 7075=~T73 stiffeners.

6. REFEREACES

1. Nieg=r, H., "BOND, a computer programme for the prediction of residual sirength of cracked panels
with bonded stiffeners", NLR report to be published shortly.
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STIFFENER MATERIAL: 7075-T 73

SKIN MATERIAL: 2024-T 3

STIFFENER SPACING: 70 mm

BONDING MATERIAL: REDUX AND FM 123/5

FIGURE | STIFFENED PANEL CONFIGURATION, DIMENSIONS IN mm

SHEET THICKNESS: 5 mm
SMEET MATERIAL: 2024-T 3

STIFFENER MATERIAL: 7075-T 73 OR 2024-T 3
STIFFENING RATIO: 0.5
STIFFENER SPACING: 70 me
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FIGURE 2 STIFFENER AND BONDING LAYER IDEALIZATION
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RESIDUAL STRENGTH OF RIVETED PANELS WITH 7075~T6 OR 2024 SKINS AND T075-T6 STIFFENERS

H. Viieger

National Aerospace Laboratory NLR
Anthony Fokkerweg 2, 1059 CM Amsterdam
The Netherlands

1. STATEMENT CF THE PROELEN

Residual strength calculations were carried out for centre-cracked panels with 2024~T3 or 7075-T6
skins cf 2 mm tnickness and provided with Z-stiffeners of 7075-TG. The stjiffeners were riveted to the skin.
Nore details about the structural configuration are givan in Figure 1.

The panels contained skin cracks extending across ihe panel central stiffener. The cracks were symmetrical
with regard to the atiffener rivet line and passea through rivet holes.
The raesidual strength calculations are compared with test data published earlier [1] .

2. METHOD QP ANALYSIS

The analysiz applied is based on the stress intemsity factor approach. The principles of this method
a8 appliod to stiffened panels are discussed in detail in sections 3.3.1.1 (b),(c) and (d) of this chapter.
The panels with a 2024=T3 skin require a special treatment. This point is discussed comprshemsively in
section 2 of example problem 3,3.3.6.

The analysis requires the residual sirength properties (g, versus a.) of the unstiffened skin materials
(2024-'1‘3 and 7075~T6). These data can be found in Figure 7 of this chapter for a panel width of 300 mm.
The 2024~T3 residual strength data are on the net section yield line ("yield = 357 MPa), while the 7075-T6
data are on a K, = 67 MPa V@ curve. »

To allow an elastic analysia for the 2024-T3 material (see section J.3.1.1(d) of this chapter), a relation
between o, And appp (= a; + rpy where r, is a plastic zone correction) was determined using the Irwin and
Dugdale pfutic zone corrections. From ghece relationships values of K and r, were determined. The results
are presented in Table 1. The required K ~ cunst. curves in a stress versus crack length plot were found
by using the analytical computer programme ARREST [?] s which enables the computation of the sheet-
atiffener interaction coefficicnis C and L as functions of atress and crack length for panels with
riveted otiffeners, taking into account the yielding of rivets and stiffeners. From the stvess intenaity
correction factors, C, curves of K = const. in a stress versus crack length plot were determined. A set

- of these curves is plotted in Figure 2, Using these curves together with the X and rg values presented in

Table 1, the stiffened=sheet curves of the 2024=T3 skin can be found (see section z.2 of example problem
3.3.3.65. These curves are plotted in Figures 2 and 3 of the present example (lavelled @ and @’

The stiffened-sheet curve of 7075~T6 can be found directly bscause for this material K is not a functionm

of crack length (at least not for a certain range of crack lengths, see section 3.3.1.1(a) of this chapter).
The stiffened-sheet curve of 7075-T6, i.e. X = 67 WPa Vi (» K, of unstiffened 7075-T6 material), is

plotted in Figure 4.

Prom the load concentration factors, L, the stiffener failure curves were determined assuming that failure
occurs when the maximum stiffener strain attains the failure strain of the stiffener material., The siiffener
failure curves of the 7075~T6 stiffeners are also plotted in Figures 3 and 4.

The calculatione showed that for stress-crack length combinations corresponding with the region under ¢he
stiffener failure curves none of the rivets reached the maximum allowable rivet load., This meanr that wath
respact to residual strength prediction the poseibility of rivet failure can be ruled out for these
configurstions.

3. TEST-ANALYSIS CORRELATION

The residual strengths for the panels with 2024~T3 and 7075~T6 skin are given in Pigures 3 and 4
respectively. Also given in these figures are residual sirength test data for panels of the same configura~
tion [1] + For those panels that showed unstable crack growth followed by crack arreet the crack-tips were
arrested in rivet holes of the adjacent stiffeners., With increasing external load tlLe crack tips remained
in the rivet holes until final panel failure. For this reason a veriical line ham been drawn at a half
crack length equal to the stiffener pitch pius half the rivet diameter. The intersection of this vertical
line with the central stiffensr failure curve (point B in Figures 3 and 4) was taken ss the predicted
panel failure stress. In other words, it was amsumed that the arrested crack tips would remain in the
rivet holes until failure of the central stiffener led to total panel fajlure, Without this assumption
any poirt on the vertical line between A and B (see Figures 3 -nd 4) could have been tuken as the panel
failure stress, because (1) cruck re-initiation from the rivet holes would immediately lead to panel
failure (see shape of stiffened-sheet curve for crack lengtim larger than s + & d) and (2) a criterion
for crack re-initiation after crack arrest is not available. The assumption thit the panels were stiffenar-
critical is justified by the fact that all panels that showed crack arrest failed at approximately the
sape stress level, irrespective of the choice of skin material,

Compariag the analytical results with the test data, it can be conclucded that the failure stresses were
predicted within 5 % accuracy for both panel configurations. Because the investigzated panel configurations
appeared to be stiffener-critical, this result does not give an estimais of the accuracy of the predicted
stiffened-sheet curves, Hewever, considering tho str:sses and crack lengths at which unstable crack growth
occurred (see Figures 3 and 4) 1t can be concluded that the observed instability points are all fai-ly
close to the calculated curves.

4., CONCLIBIONS
(1) The residual strength of panels with a 7075~T6 or 2024~T3 skin and provided with riveted stifferers

can be predicted with sufficient accurscy using the stress intensity factor approach (see section
3.3.1.1 of this chapter).
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(11) The stress levels at which unstable crack growth in 707516 ad 2024~T3 skins occurs are
predicted fairly well with the same approach.

5. REFEREXCES

1, Vlieger, H., "Residual strength data of riveted panels with different stiffener comfiguratious”,
LR report TR 76033 U (1976).

2. Vlieger, K., Sanderse, A., "User's Manual of ARREST, & coaputer routine for predactica of
residual strength of cracked stiffened panels®, NLR report TR 75129 U (1977).
Issue 2 of this report is being prepared.
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Irwin plastic zone correction Dugdale plastic zone correction
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TABLE | CALCULATED VALUES OF K AND r, FOR 2024-T 3 SKIN MATERIAL FOR TWO PLASTIC ZONE CORRECTIONS
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FIGURE 2 CALCULATION OF $TIF FENED - SHEET CURVES (CURVES o AND b) FROM UNSTIFFENED PANEL DATA (SEE TABLE 1)
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FIGURE 3 RESIDUAL STRENGTH DIAGRAM OF PANELS WITH 2024-T 3 SKIN AND 7075-T § STIFFENERS

TEST RESULTS:

G OF PANEL : | —=— UNSTABLE CRACK GROWTH
s0 - * O  CRACK ARREST IN RIVET HOLE
o4 Pa ® TOTAL PANEL FAILURE
A é%, : O PREDICTED RESIDUAL STRENGTH
bogetey~t
40+ ::::reuen } MATERIAL: 7075-T 6, SEE FURTHER FIG. )

CENTRAL STIFFENER FAILURE

# CURVE
m-
s0 b .

STIFFENED.SHEET CURVE
FOR KuC'oVramé? M Pa Ve

m =
Y {
D o ——
200 | A| \\\
PANEL 4 [} . S~
150# ‘

10 2 M & 0 & 7

emse¥d - o)

FIGURE 4 RESIDUAL STRENGTM DIAGRAM OF PANELS WITH 7073 T ¢ SKIN AND STIFFENERS

L S -y




e

3-62

3.4 FATIGUE CRACK PROPAGATION (D. EROER)
3.4.1 Patigue crack propagation in built-up skin-stringer structures

3.4.1.1 Introduction

As in the case of all structures and components, the damage tolerance analysis of skin-
stringer combinations consists of three parts, viz. (1) the stress-intensiiy analysis, (2) tbe residual
strength analysis, and (3) the crack-growth analysis. The unique residual strength characteristics of
skin-stringer combinations are the justification for devoting an entire chapter of this handbook to this
type of structure. By the same token, the larger part of Chapter 3 is devoted to the analysis of these
unique residual strength properties and to the derivation of the stress intensity. Patigue-crack growth
behaviour of skin-stringer combinations lacks this uniqueness and can be dealt with in relatively short
space. Some of the difficulties encountered in crack-growth analysis of built-up structures are associated
with the presence of holes. These difficulties are reviewed in the chapter on fastened jointe (hapter 4)
they will not be discussed here. ’

After determination of the stress intensity as a function of crack size, fatigue-crack-growth analysis

is performed by a numerical integration of da,/dN-AK data. The problems germane to this integration, such
as retardaticn, integration routines, data variability, and crack-tip similitude requirements, will not

be discussed here, because they are not different to crack-growth analysis of any other type of structure.
Remaining problems are generally associated with damage development assumption. These will be the subject
of this section.

3.4.1.2 The crack propagation curve

In previous sections, it was shown that the stress intensity is strongly affected by nearby
broken or intact stringers. Clearly, this will be reflected in the crack-propagation curve as is illustrated
in Figure 16. Complete arrest of a fatigue crack at a stringer should not be anticipated. A fast running
crack can be arrested there if the stress intensity drops below the critical value. This is a go-no—go
aituation, which does not exist in fatigue. If the crack approaches an intact stringer, the stress intensity
decreases which merely results in a deceleration of fatigue-crack growth (Figure 16b).0f course, this will
automatically follow from the crack—growth integration and it presents no particular difficulty.

Naturally, in the case of decreasing stress intensity some retardation may occur. The decrease in stress
intensity ie slow, however, and retardation will likely be negligible. Moreover, if a retardation model

is used during integration any retardation resulting from the stress intensity decrease will be automatic-
ally accounted for.

In the case of a broken stringer, the stress intensity will be increased ant! a higher crack-growth rate
will result (Pigure 16c).

It was shown in the foregoing sections that a proper residual strength analysis requires that fastener
plasticity and stringer plasticity have to be accounted for in the calculation of the etress intensity.
Usuaily, fatigue-crack propagation will take place at stresses substantially below the residual strength
level. Consequently, thece plasticity effects play only a minor role and the stress intensity for the
crack-growth analysis can be determined from simple elastic K-analysis. One complication arises here.
During some of the higher fatigue losds in the spectrum some plasticity may occur in the high load-transfer
fasteners. This means that load transfer during subsequent cycling may be shifted somewhat to more remote
fasteners, which may increase the stress-intensity factor. Hence, the stress-intensity factor becomes
history dependent. Since it is not lkmown in advance when these higher loads occur in actual service, it

is difficult to account for this effect. The consequence is that crack-growth predictions that ignore this
effect will tend to be unconservative.

When a crack reaches a stringer, it may run into a fastener hole. In the chapter on joints, it is shown
that cracks running into holes in general do not show a longer crack growth life, because the reinitiation
period is offset by increased growth rates when the crack approaches the hole and by the increased damage
size due to the hole. Experimental data supporting this are provided in Reference [174] and an exampie is
shown in Figure 17. Therefore, it seems prudent not to count on any beneficial effects. In this respect,
the USAF airplane damage tolerance requirements of MIL-A-83444 can be considered realistic in that they
assume continuing damage at the other side of the hole.

3.4.1.3 Damage development assumptions

The most obvious, and also most dangerous damege assumption is that of continuous crack growth
in the skin. It is very likely that an undetected service crack will show discontimious growth at some
point close to the minimum in the skin-crack propagation curve. This is illustrated in Figure 18.

Although the residual strength of the stiffened skin is generally as high as limit load, unstable crack
growth can occur at much lower loads. When the crack remaing undetected until a size at which the minimum
in the skin crack propagation curve is reached, unstable crack growth can occur at loads encountered quite
often during normal operation, Of course, arrest will occur (A to B in upper half of Figure 18), but at
the expense of a much shorter crack growth life.

It cannot be anticipated whether instabilities will occurj or what the magnitude of these inatabilities
would be (C~D would be more serious, but less likely because of the higher required load, than A-B).
Obviously, dangercusly unconservative crack growth lives are obtained if continuous crack growth is
asgumed. Note that the absence of ingtabilities in a full-scale flight-by-flight test is no guarantee
that they will not occur in service, since they depenu upon the load history and upon whether high loads
occur at smaller or larger damage sizes,

More complex damage development assumptions may be necessary at a crack initiatirg at a stringer. No general
rules can be given here, but the problem may be illustrated by a particular example shown in Figure 19.
The problem is one of cracking of a frame, frame tie clip, crack arrester sirip, and skin. The cracking
sequence is not known in advance, nor is it kncwn what the initiation times in the other components will
be, once the first component cracks. Thereforec, it seems prudent to conduct the analysis with assumed
initial damage in the uncracked components. Formally, it would then be possible to calculate how strese=
intensity factors vary in the relevant components and to assess the development of the damage.

Obviously, any assumption on damage development in a complex case as in Figure 19 is arbitrary. It might
b2 necessary to analyze which assumptions would lead to the shortest crack-growth life., Since this would
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bs a sonumental task, it is more practical to rely on damage development observed in the full scals or
ovmponent tests snd on engineering judgement.

An attempt has dcen made to illustrate the complexity of craclk-growth analysis in skin-stringer combinations.
The conclusion that can be drawn from these examples is that unconservstive predictions are likely when

t00 simpls assuzptions are made. Some interesting results of tests with different damage development are
given in Reference (182] .

3.4.1.4 Integral Panels

Crack growth in integrally etiffened panels is scnewhat easier to deal with. Also in this case,
damage development assuzptions are the major problem. A crack in the skin is usually assumed to be semi-
circular, as a matter of convenience. Clearly, elliptical cracks with high aspect ratio would exhibit
oonsiderably faster growth.

The main dsasge development prodblem is encountered when considering cracks at the fasteners of the
longitudinsl splices between planks. This problem, however, is no diffsrent from that encountered in btuilt-
up structures. No general rules can be given and the analysis has to ° » based on natural damage devclopaent
observed in tests and upon sound engi: scring judgement.

3.4.2 Application of fracture mechanics principles to real siructures
(a) Information available from literature (see section 3.5)

In the literature a large number of examples can be found which illus:rate the application of fracture
mechanics principles to crack propagation predictions for real structures. These applications either deal
with actual designs or are more general in nature. Applications to cas® studies are also availatle.
Without intending to give the impression of completeness, a 'ist of relevant references is given here;
(a.1) Applications to actual designo or proicctl

Anderson, Chu, Malluck 172
Anon. [ 174=176)
Barrois [ 164
Casal egno | 170
Conley, Sayer [ 169
Crichlow, Wells [ 119
Ervall, Brussat, Liu, Creager L 145
OSkgtl L 171
Heath, Wicholls, Kirkby 147
Hedrick, Wehle, Bell [ 161
Impellizseri 160
Kaplan, Reiman [ 167
Lalli, Sergio 158
Lehmann 1162
NcHenry, Hensley [ 163 pe
Murnane, Stronge, Davenport ‘166
Nelson, Melcon, Simons L 159
snga 144
Stone, Swift [ 68
Swirt [ 39,65,67]
Thrali ,1563
Troughton, McStay [ 157
Toor [ 85 .
Various suthors [ 168]
Wood { 165]
(s.2) Genersl studies
Anderson, Chu, McGee 178
Cartwright, Dowrick 41
Heller, Liu, Swift 177
Hunt, Denke, Eide 150
Poe 46
Salvetti et al. 32-
Schwarmann 82,83]
Schwarmenn, Bsuer 154,179]
Smith, Porter, Engsirom 153;
Sorensen 148
Ratwani 61,62]
Vlieger 75¢77,79)
Wang 152}
(a.3) Case studies and textbooks
Rich, Cartwright (Editors) 155
Broek 1
Rolfe, Barsom 181
Wilhem 180

(b) Practical examples

A number of investigators closely concerned with the application of fracture mechanics to actual designs
were found willing to write up results of some of their recent crack propagation computations as examples
in this handbook. These examples are presented in this section., They were left{ as much as possibie in their
original but edited form, to give full credit to the contributors. The way of presentation, the contents
and the conclusions are the responsibility of the contributors. Each example is followed oy some concise
editorial comments.

It has to be moted that the examples must be considered as welf-contained texts, i.e. they have their own
numbering «ystem of figures and references.
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EXAMPLE PROBLEM 3.4.2.1
STIFFENED WING PANEL AT SPAR-PANEL JOINT

L. Casalegno
Aeritalia, Turin
Italy
(Literal)

1. STATEMENT OF THE PROBLEM

The wing panel considered (Figure 1) has integral stiffeners and is fastened to the U-shaped spar
with Hi= loks. The material of both the panel and the spar is 2024~T351. Two quarter-circular corner flaws
in a hole are considered, with an initial length of 2.5 mm.

2. STRESS INTENSITY

The stress intensity was derived on the basis of the solution by Poe [1] for a cracked sheet with
riveted stringers. However, some important differences have to be taken into account, r.mely:

e The spar is riveted, the stringers are integral

e The stiffening ratio is different for the stringers to pansl and for the spar to panel details

o The crack is not a central crack but tends to become an edge crack

e The crack starts as a corner crack, not a through crack.
In this particular example, however, it is found that the tip of the critical crack ce is still close to
the spar, so that the integral siringers play no role. Also, it is believed that censidering the crack as a
central crack in an infinite plate does not introduce a significant error. The spar area contributing to
the stiffening was assumed to be the U-leg plus half the web area; the resulting stiffening retio
is u = 0.33, For this stiffening ratic Poe [1] gives the stress intensity as a function of the a/b (ratio
between crack size and stringer spacing), and with p/b as a parameter (p/b is the ratio between rivet
sracing and stringer spacing). The curve with p/b = 1/6 describes the reduction of the stress intensity

factor due to the spar presence, relative to an unstiffened panel. It was assumed that a corner crack is
equivalent to a through-crack by dividing its length by VZ (see [2] ), i.e.

a
( ) - C.C
®m.c'eq. T V5
In the range from 8, " 2.5 to 7 rm (the through the thickness range of the corner crack, see Fig.l),
this results in (%)eq = 0,025 to 0.048 (see Fig.l) and the spar effect is on the average a 3 percent

reduction in K [1] y which was conservatively ignored. The propagation of the corner crack to a
through-the~thickness crack can then be studied as a corner crack in a hole in an unstiffened plate,
using for example the Liu solution [2] . To study the propagation from 7 mm, the curve with p/b = 1/6 was
approximated by steps with constant values of ﬁ"- in % intervals; these values were input to a crack

a
propagation computer program for centre cracks in unstiffened plates with the same correction Iactors, i.e.

K-qo\/r:;.

3. RESULTS

A critical crack length of (2cc) aney > 140 mm and a life greater than 450 blocks (Figure 2) was

found for a panel stress o = 187 Mmi™¢ and K; = 2400 Nmm-l’5. However, the overload in the spar and in
the fastenerg due to the crack are also to be considered. The spar will fail when the siress reaches
g, = X8 Mrom€, (the material strength), so the maximum overload it can take is L = 398/187 = 2.13,

From Poe (1] : (%)c = .68y i.e. c_ = .68 x 140 = 95 mm, and (2¢_) ;.o = 190 ma. The criterion for the
stiffener failure could be the yield strength instead of the tensile strength, because, for instance, of
possible aerodynamic consequences of appreciable deformations. In this case, L = %%-(71 = 1.55 and
(2°c)stirf. = 35 m.

The fastener's (ﬂ = 5,0 mm Hi-loks) atrength is P = 12800 N, or, in terms of panel load,

T%F - 70‘1)2:8‘0? - = 0..0. Aa:uming that this load has to be carried entirely by the rivet closest to the
crack, this corresponds to (i)c = 0.17 {1] , 1.e. (ch)fast. = 47.6 mm.

So the fasteners are the weakest item in the design. The critical crack length is then 2Cc = 47.6 mm
and the life (unreta.rded) to fajlure from an initial flaw of 2.5 mm is 350 blocks.

4., REFERENCES

1. Poe, C.C.,"Stress intensity factor for a cracked sheet with riveted and uniformly spaced stringers",
NASA TR R-358, May 1971,

2. Liu,y A.F.,"Stress intensity factor for a corner flaw", Engng. fract.mech., Vol.4 (1972), pp 175~179.
5. COMMENTARY

Practically everything discussed in Section 3.4.1 (Fatigue crack propagation in built-up skin-
stringer structures) of this chapter can be considered as commentary on this example.
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EXAMPLE PROBLEM 3.4.2.2
CRACK PROPAGATION AND DECELERATION IN STIFFENED PANELS

J.N. Thomas
S.N.I. Aérospatiale
Toulouse
France
(Literal)

1. STATEMENT F THE PROBLEM

The problem of crack propagation arises in the choice of design concepts of aircraft structures,
It is a fundamental problem for stiffened panels, where it directly affects inspection frequencies and
the means of crack detection used.
A comparative study has been made to measure the influence of integral or separate stiffeners and the
contribution of fail-safe strips or reinforcements. The calculations were made using the finite-element
method. Special crack tip elements directly provided the stresas intemsity factor. The crack propagation
curve was calculated using the Forman equation associated with a Wheeler retardation model. The same
constants were used in the Forman equation for all the comparative calculations, although in reality the
thick plate (integral panel) and thin plate (separate stiffener panel) had slightly different propagation
properties.
The panel matorial was AU2GN-T6 with a thickness of 2.2 mm in the pockets. The structure studied was a
panel stiffened with nine stiffeners at a pitch of 133 mm (see Figure 1). In all cases the centre
stiffener was assumed cracked, and the crack propagated on both sides of this stiffener.
The stiffener configurations studied are ghown in Figure 2. In the case of separate stringers, the
attachment can be considered to be either infinitely rigid or of finite stiffness to account for the
fasteners. These two alternatives were both considered. In the case of rigid atiaciment, a point in the
stiffener was rigidly coupled to a point in the skin in the finite element model. In the case of a
flexible coupling, the two corresponding points were coupled by two sets of hinged bars, one set in the
longitudinal, the other in the transverse direction.

2. RESULTS OF COMPUTATIONS
The results are shown in the following figures:

Figure 3 - Comparison of propagation for separate siringers if the crack propagates between, or
through infinitely rigid attachments (arrest . the hole is not taken into account).

Figure 4 - Comparison of propagation for separate stiffeners if the crack propagates through either
elastic or infinitely rigid attachments (arrest by the hole is not takem into account).

Pigure 5 ~ Comparative study of an integrally stiffened panel under the same load spectrum.

A study was made of the effect of the introduction of titanium or AU4Gl fail-safe strips in the center of
the pockets of the integral panels, in order to slow down crack propagation. These strips were 4.5 mm
thick and 36 mm wide. The strips were connected to the sheet by means of adhesive bonding. The results
obtained are shown in Figures 6 and 7.

In the case of heavily loaded areas, or for repair schemes, one could envisage the addition of reinforcing
plates under which the crack would pasa. Two types of reinforcements were considered, viz., a very thick
local plate (to act as a crack stopper) or a thinner but larger plate (to slow down the crack propagation).
In both cases, the reinforcement was riveted to the skin. This calculation exercise was made with:

e A 5.0 mm thick crack stopper fitued in the vicinity of the second stiffener (the centre stiffener
was already cut).

e A 3.2 mm thick plate, joining.five stiffeners (with the centre stiffener cut) to slow down the
crack growth,

The various results are shown in Pigures 8 and 9.
3. COMPARISON OF CALCULATIONS WITH TEST RESULTS

A comparison of calculations and test results was carried out for a 1.6 mm thick integrally machined
panel. The geometric characteristics of the panel are shown in Figure 1C. The panel was subjected to
three different load spectra. The results of the comparisons are shown in Figure 11,
4. CONCLUSION

In general the integral stiffener is more effective in slowing down the crack than the separate
stringer. For heavily loaded areas, the crack propagation can be limited by fail=-safe strips or

reinforcing plates. The results are very beneficial, but these schemes are impractical as they are heavy
and costly.




3
Se COMMENTARY

This is an excellent example of the use of damage tolerance analysis to assess design alternatives.
Unfortunately, many examples deal with the problem of inspection and operational safety. Por such
applications damage tolerance analysis is often discredited for its inaccuracy (since there is no other
way to get the desired answers, the objections are somewhat naive), However, the greatest strength of
damage tolerance analysis is not in such applications, but in trade-off studies during design as in the
present example, Analytical trade~off studies for optimum damage tolerance are much more economical than
component tests, With regard to skin-stringer combinations, the analytical tools developed by Viieger and
Swift provide an expeditious means for such trade—off atudies.
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EXAMPLE PROBLIM 3.4.2.
CRACK PROPAGATION IN WING STRINGER-SKIN PANEL

M. Bradley
British Aerospace
Manchester Division
U.x.
(Literal)

1. STATEMENT OF THE PROBLEM

The results of crack propagation tests on stringer-skin panels [1] were compared with theoretical
predictions made for the esme configuration. The panels represented the lower wing surface of a medium
transport aircraft in the region of the engine ribs, details of which are shown ‘n Figure 1. The crack
sizes investigated were within the range 0.5 to 8.0 inches. The loading was of constant amplitude with
s mean stress of 8800 pei and an alternating stress of 4+ 4000 pei. The skin material was L72 (2014-T3)
the stringer material was L85 (2014~76).

2. ANALYSIS

The stress-intemsity solution employ.d was that by Poe [2] for a stiffener-eiin combination with all
stiffeners intact. The solution is based on an elastic analysis which does not account for atiffener
sttachment flexibility and stiffener offset. The solution assumes a crack in an infinite sheet with an
array of equally spaced identical stiffeners. The crack is positioned symmetrically either at midbay or
across a stiffener. In addition, a correction was included, item 1.1.1 of Reference[3], to allow for the
panel's finite size, since the solution is for an infinite panel. To utilize the Poe solution, the
structure was idealized as follows.

For the predicticns relating to tip A, the solution for a crack originating at a stiffener was utilized

(Pigure 2). f
PRV (“/"o stnneor><x/x° “)

where o = gross siress, K/K is a function of an and p/d and l/!o W is the finite width
correction.

For the predictions relating to tip B, the solution for a crack originating at midbay was utilized

(Pigure 3).
K=o vha ("/‘o mdbw)(x/x° ")

where x/xo i dbay is a function of an and p/'b.

The baseline propagation data used were obtained from Reference(4]. Basically, the predictive calculations
consisted of determining the stiress intensity at the tip under consideration from the approach outlined
above and then obtaining the corresponding propagation rate from the baseline data. Plots of da/dN as a
function of crack size wers made for both the predict~d and test data.

o stringer

3, EESULTS

Comparison of the test results with the predictions show that on aversge tke latter are low by a
factor of 3. The resulis are shown in Figure 4 and 5, where a factor of 3 is applied to the predictio:u.
The discrepancy can be attributed to either scatter between the test panel material and material used for
the generation of baseline data, or to the solution not adequately modelling the configuration, or a
combination of both. Failure to cater for stiffener attachment flexibility and stiffener offaset in the
solution, both lead to underestimations of the stress intensity [5] y which in turn would yield the low
prediciions of provagation rates. The rate data used were based on the mean of the data, thus this also
could contribute to the error. The predicted curves are drawn for clarity with a factor of 3. It can be
seen that with the exception of the final portion of the curves, the correlation between the two is quite
reagonable, The divergence over the final portion is probably due to errors arising from the difficulty
in determining rates from the curves of cycles against crack size, at the end of the test.

A program was written for integration of the rate data. Por reasons of expediency both crack tips were
assumed to grow as the one under the most sev..c conditions. Crack propagation curves so obtained are
shown in Pigures 5§ and 7. A conservative result would be ensured if an additional factor is takcn to
cover acatter,

Note — the divergence bstween predicted and experimental curves veyond W = 10,000 cycles is believed to be
due to unequal growth at the two crack tips.

4. APPLICATION

The method was applied to the engine rib area of a full-scale fatigue test specimer of an aircraft
at stringer 7. The structure is shown diagrammatically in Pigure 8. The 0.144 inch reinforcement is an
extension of a larger plate around an inspection hole between the engine rite. The loading was as shown
in Pigure 9. The astresses were ohtained from strain gasuge measurements. The flight loading was idealized
to one cycle A-B~A at R = O and 19.% cycles B=C-B at R = 0.44.

The crack was assumed to grow from the nearest rivet hole to the large hole to stringer 7, and then from
the other side of the hole 1o stringer 8. Reasonably accurate tust Jats were available for a large part
of the second stage of crack growth. This second stage was analysed in two parts (see Pigures 8 and 10):
(1) Prom rivet hole to stringer 8.

Up to stringer 8, when the crack is inside the reinforcement, the stress level was reduced by the ratio
of the cross sectional areas without and with reinforcement.
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The parameters influencing the Poe factors were also calculated using a skin thickness equal to the skin
and reinforcement. The crack length used in calculating the factor, which was for a broken stringer case,
was age
In place of the edge correction, a correction for a crack approaching a sudden change in section was applied .
uaing 2.1.4 of Reference[J The effect of the large hole was taken into account by using the well-known
Bowie factor which expresses (K/K,) as a function of a/D. The factor used was that for a hole with a crack
at each side. The overall expression was therefore:
. Vra

The najor error in this idealization is the assumption of equal cracks at each side of the largs hols.
In this case, lLowever, the crack does not become large compared wiih the diameter of the hole and the
error is not great. As the error is always pesaimistic the method should serve for design purposes in
all cases.

K=P F

Poe’” change of section Bowie

(i1) Prom stringer 8 outwards,

The method was basically the same as above with the exceptions that the siress and Poe parameters were
calculated for the bagic structure (no reinforcement) and no edge factor was needed. When the crack passed
through rivet holes, it was assumed that a .05 inch crack already exipted on the other side of the hole
(.05 inch had been found by experience to be large enough to cover MIL - SPEC requirements in all cases).

5. RESULTS

The graph shown in Figure 11 shows t:e comparison between theoretical prediction and test results
for the starboard wing at the inboard and cutboard engine ribs. It can be seen that there is a reaaocnable
correlation ir both cases when the beneficial effects of rivets have been removed. It is important that
thege effects are ignored as their presence cannot be guaranteed.

6. CONCLUSION

Compared with methods now beginning *. become available in the form of sophisticated computer programs
a method based on the Poe curves, which assumes elastic structures and rigid stringer corrections, seems
relatively crude. It can be seen from this example, however, that provided a factor can be derived from
a panel of similar structure and material, a reasonable prediction may be made even when the details of
the structure and the loadings are changed to quite a large degree.
The possible beneficial effects of the rivets are also illustrated. It is unfortunate that they cannot de
relied on.
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8. COMMENTARY

As mentioned in the example, more sophisticated computer programs than the Poe aralysis are presently
available. Closed form solution programs (Vlieger and Swift) are fast and cheap to run and eliminate the
reed for finite-element analysis.

The example is a good illustration of the calibration of the analysis of a complex structure by means of
test data for a simpler configuration. The waviness of the calculated crack—growth curves is puzzling.
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