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SUMMARY

The United States Army Aviation Systems Command awarded a con-
tract to the Boeing Vertol Company in July 1971 to conduct an
Advanced Technology Component (ATC) program for the Heavy Lift
Helicopter (HLH). The ATC components consisted of the rotor
blades, hub and upper control system, drive system, flight con-
trol system, and cargo handling system. In January 1973, when
the ATC design was complete and development of components well
under way, a contract was awarded to the Boeing Vertol Company
for the construction of one prototype heavy lift helicopter.
The purpose of the prototype was to demonstrate the advanced
technology components in the actual flight environment.

The prototype program acco~mpiishments included design and fabri-
cation of an advanced aluminum honeycomb airframe, landing gear,
and subsystems not included in the ATC effort. Limited labora-
tory tests were conducted to assure airworthiness of the proto-
type aircraft. Mockups were constructed of the crew compartment
a:-%I aft pylon area.

Procurement, fabrication, and assembly of the prototype aircraft
were 95 percent complete when the program was terminated on 1
August 1975., Approximately 3 months of final assembly and check-
outs remaine to be accomplished prior to rollout and installa-
tion of the aircraft in a tie-down rig for preflight testing.
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INTRODUCT ION

The IVeary Lift Helicopter is designed to provide a vertical
airli.t capability for large and heavy loads, riot available
in the free world today. It permits deployment and retrieval
of tactical a!.id logistic loads rapidly and without dependence
on roads, bridges, railways, docks, landing craft, runways, ox
other surface facilities.

The HLH is designed to transport a 22-1/2-ton external pay-
load, with fuel for two 25-nautical-mile-radius sorties, on
a sea level 95 0 F day. A 35-ton payload can be transported
for shorter distances at the maximum alternate gross weight
of 148,000 pounds.

Following the design and development of critical advanced
technology components (blade, hub, upper controls, drive
system, flight control system, cargo handling system), a
one-aircraft prototype program was authorized by the U.S.
Army Aviation Systems Command with the purpose of demonstra-
ting the advanced components in a flight environment.

The aircraft is a tandem-rotor shaft-driven helicopter powered
by three Detroit Diesel Allison XT701-AD-700 gas turbine
powerplants rated at 8000 hp each. The aircraft design gross
-weight is 118,000 pounds, with a maximum alternate gross
weight of 148,000 pounds. Diameter of each four-bladed rotor
is 92 feet and the airframe length is 89 feet, 3 inches. The
crew compartment accommodates a pilot, copilot, flight engi-
neer, and aft-facing load controlling crewman. Aft of the
crew compartment is a combination troop/light cargo compartment
with accommodations for a crew chief and 12 troops. The center
fuselage contains two longitudinally disposed cargo handling
hoists, each with 100 feet of cable. The aft fuselage and
pylon area contain the combining transmission, aft transmission,
and powerplants. Fuel is contained in the stub wilgs, which
also support the main struts of the tricycle landing gear. The
airframe is entirely constructed of bonded aluminum honeycomb
panels in sizes up to 4 feet by 32 feet.

Rotor blades are constructed with a multiple loadpath D-
section spar with a Nomex honeycomb composite skin trailing
edge fairing. Blade chord is 40 inches. Pendulum-type
vibration absorbers are incorporated. Each blade is retained
by an elastomeric bearing which permits pitch, flap, and lag
motion of the blade. The titanium hub and upper controls are
designed to be fail-safe, through use of multiple load paths,

.16
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low failure progression rates, and failure warning systems.
Upper controls consist of rotating and stationary swashplates,
pitch links, drive scissors, and centering mechanism, supported
by three electrohydraulic actuators. Swashplates are hollow
bonded aluminum assemblies with boron stiffening rings, approx-
imately 5 feet in outside diameter. The drive system, rated
at 18,133 hp at 157 rpm rotor speed, consists of a forward,
aft, and combining transmission, together with interconnecting
shafting. High contact ratio gears of Vasco X2 steel are
utilized and housings are an improved magnesium alloy. Each
transmission incorporates an integral lubrication system. A
rotor brake is installed on the combining transmission.

The prototype aircraft incorporates a full fly-by-wire flight
control system as successfully developed and flown on the
Boeing Vertol 347 Chinook derivative helicopter. A multiple
redundant primary system is used plus an automatic flight con-
trol system which provides improVed flying qualities as well
as automatic flight path control, hover hold, and provisions
for a precision hover sensor and external load stabilization.

The cargo handling system is composed of two hoists, with a
capacity of 28 tons at a load factor of 2.5g. Either single
point or two point suspension of loads may be used. The
winches are pneumatically powered and may be controlled in-
dependently or in unison. Design loads may be hoisted at a
rate of 60 fpm.

Electrical power system includes two transmission-mounted 60
KVA oil-cooled main AC generators and independent flight
control system generators. Transformer-rectifier. units are
provided for DC power. Pneumatic power is supplied by engine
bleed or ground power units. Transmission-driven hydraulic
pumps provide power for the swashplate actuators, nose gear
steering, and main gear brakes. A separate electrically
driven pump powers the rotor brake actuation system.

A minimum of communication-navigation equipment is installed
in line with the austere approach to the prototype program.

The prototype aircraft was representative of a production
aircraft dimensionally, aerodynamically, and structurally.
In order to minimize prototype program costs, subsystem
variations from the production requirements were incorporated
where the program objectives would not be compromised. These
included:
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a. Conventially constructed landing gear rather than
incorporation of advanced composite materials.

n. Omission of the static electricity dissipator, auxiliary
power unit, precision hover sensor, automatic approach
to hover mode and load stabilization sensor, visual
augmentation system, tactical navigation and communica-
tion equipment, Llade deicing, windshield and engine
inlet anti-icing, armor, armament, IR suppression
devices, engine air particle separator, automatic diag-
nostic systems, searchlight, formation lights, hoisting
fittings, fuel dumping, onboard refueling system, auxil-
iary tanks, and ferry fuel tank. 4

c. Modification of the hydraulic, pneumatic, fuel and
environmental control systems to use existing components
and simplify due to subsystem deletions.

Weight empty of the prototype, based on actual weights of 70%
of the aircraft, is estimated to be 66,263 pounds. Primary
mission weight equals 127,535 pounds, including a 22-1/2-ton
external payload, 1342 pounds fixed useful load, and 3554
pounds of instrumentation. Fuel weight for this mission is
11,376 pounds.

The prototype HLH can hover at sea level standard at 132,000
pounds gross weight and at 4000 feet 95OF at 125,200 pounds
gross weight. Cruise speed with external payload is 134
knots at sea level 95 0 F conditions.

Because of the ATC program testing of major subsystems and
maximum use of previously qualified items, minimum testing
of components was required to assure airworthiness of the
aircraft. Structural tests of honeycomb airframe panels,
joints, and fasteners verified predicted structural properties,
including peel and sonic fatigue. Blade, hub, and upper
controls fatigue and endurance tests were conducted to sub-
stantiate configuration improvements that were incorporated
on the prototype components. The nose and main landing gear
struts were drop tested and met design requirements. Environ-
mental, performance, and integration tests were conducted on
the generators, environmental control unit, swashplate
actuator, flight control system cimponents, brakes, fuel
cells, hydraulic modules, engine bleed air manifold, and
engine control quadrant. The flight control system integra-
tion test stand was completed and testing was started. A
load run stand for forward transmission endurance testing was
designed and fabricated.

The design, test, and hardware status at program termination
is shown in Table 1.

18

W m . ... . .........0 V WW ..... . . ... .. .. .. .... .. . ..... V F W W- a MMI



mm PC a

> to

-44 *j -A
61 W . -44

0 r ,>
+' INA N. A 0 *

mm 0 0 * Ar .45 '4 Ug 1~.4 r.

th m a u 4 "

044.a 044 14 C) 0

-Q w .W4 .4U 1. H

04 WO__ M__ '_ _ _4___J00. .

-A *1-M 41
fo~0 N .. AP, 0tig

10 H1 1 14 4

z. -0 $41 0 41

44 W
4400

1 4 el
4)4 Uý VC..4kE44 0 0144 U4

U.4 w1 a m.- *H.4 -A k 4)I

E-4 0 4 W V. .. ea e.g 4

V if 4 1

.40 45 0i -

0-4

0

00~~~1 0.m ~ r

9e a' a9 4

0 E-1, 0 n 4

.0) 4), 41 -4)

Sn .4 Una 10C

NJ N

0 j 4

19



0 0 Aj-

4UO

A*'41 -.44* i4o444 .4 '

44 Z4 --I In
to40- .4'..4 -WO 0 N

w 44 0414 *

Q j rU 0

-4 -

In a. OH "" '. V.
0 4 ;4; 44 i L > 4J1

14-4 14 4 .' ý4 -ý4 N -

M,4. -H ., 4 ý

4*S.4 044)4
I , 44 iU o. U1
u -H *4 IV E ta'

w0-41 4 .4r 4* H r.4~k 14 4

SOw 4O' 0* v >4
0.4 A-4, 8 .~~

SH~U 0 4- n.)~ u I"

14 41*
0 -A IA

In 44

E-. 44 a

>I' : 'A 0j 0
.4 w

S. .0 4c4 48

44 44

ii a3t

t2



-A j0 '4V

O- 1 0g

4J h 4

".4
'.la >

(I'. 's A *I.s
'.4-4 b~ .4 44 oc -.44

OC ' 4 c

a I 11 4
$4 4 v n

4.* 4

41

a* S g -w . 0

4.' ý '

0 4i)' U o 1

O) m 44 4:
~d4.4OU~ 4A4

44 P

U)
t00

r '4

0 4' .>
'4 P4 04

I-t O 4 w ml '
U4 41 .

I.* 41 0 4%

4J~40

~~*4..0 -

314P4a O '.

tU

0 .
21 --



-rr

qC

• 22

...

- --------

&TS.-



1.0 PRQOGPJM DESCRIPTION

1. 1 COPE AND OBJECTIVES

The United States Army Aviation Systems Command awarded a
contract to the Boeing Vertol Company in July of 1971 to
develop tdvanced Technology Components (ATC) for the Heavy
Lift Helicopter (HLH). The ATC components consisted of the
rotor blades, hub and up-per control system, drive system,
flight control system, and cargo handling system. In January
1973, when the ATC design was complete and fabrication of
components well underway, a contract was awarded to the Boeing
Vertol Company for the construction of one prototype Heavy
Lift Helicopter designated the XCH-62 (Boeing Model 301).

The purpose of the prototype program was to:

a. Demonstrate vertical lift and air transport of 22.5-ton
payload.

b. Demonstrate successful integration and performance of ATC
program developed components in the actual flight environ-
ment.

c. Provide a first flight at the earliest possible date and
at the least Government cost exposure.

d. Demonstrate resolution of major technical problems and
cost uncertainties prior to decision to enter engineering
development.

e. Demonstrate maintainability design improvements.

f. Provide user assessment of the HLH concept against the
material need thro'xgh actual flight demonstration.

The prototype program included design and fabrication of an
advanced aluminum honeycomb airframe, landing gear, and sub-
systems not included in the ATC effort. Limited laboratory
tests were conducted to assure airworthiness of the prototype
aircraft. Mockups were constructed of the crew compartment
and aft pylon area.
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Procurement, fabrication, and assembly of the prototype air-
craft was 95% complote when th& program was terminated on
1 August 1975 by action of the United States Congress.
Approximately three months of final assembly and checkouts
remained to be accomplished prior to roll-out and installa-
tion of the aircraft in a tie-down rig for pre-flight testing.

1.2 MANAGEMENT

The HLH prototype program was managed by the United States
Army Aviation SystemsCommand, St. Louis, Missouri, with
technical support by the United States Army Aviation Materiel
Research and Development Laboratories at Ft. Eustis, Virginia.

The program was conducted by the Boeing Vertol Company and
associated subcontractors. The powerplant was developed and
provided by the Detroit Diesel Allison Division of General
Motors Corporation.

The Boeing Cost and Schedule Control System validated by the
Government during the ATC phase of the program was utilized
as the prime management system. The HLH Branch organization
established for the ATC program conducted the prototype
program.

Quarterly meetings were conducted to review technical, cost,
and schedule status. These meetings were attended by all
interested Government agencies. Systems Requiremants Reviews,
Specification Reviews, Preliminary Design Reviews, Critical
Design Reviews, and a Crew Compartment Mockup Review were
held as the design progressed. During the 2-1/2-year program,
a total of 1649 Government representatives visited
Boeing Vertol for HLH discussions.

1. 3 MILESTONES AND SCHEDULES

Contract milestones were established as shown in Figure 1.
This figure shows the original planned milestones plus the
dates that each milestone was actually accomplished.

Figure 2 is the master phasing schedule for the program. This
figure portrays the engineering, procurement, manufacturing,
logistic, and test functions for each subsystem. Original
plans are shown plus the actual accomplishment dates.
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The "redirected" milestones or schedules in Figures 1 and 2
were the result of transmission development problems in the
ATC phase. In order to incorporate changes for resolution of
gear resonance problems and retest the ATC transmissions
prior to fabrication of prototype aircraft hardware, -he
prototype schedule was extended approximately six months.
With the exception of this program redirection in mid-1974,
no significant schedule variation occurred during the
program.

1.4 ATC/PROTOTYPE PROGAM INTERFACES

Figures 3, 4, 5, 5A, 6, and 7 show the relationship of the ATC
program and the prototype program for each of the ATC sub-
systems (blade, hub, upper controls, drive system, flight
control system, and cargo handling system). Since the
design and development of these systems was included in the
ATC program, the prototype phase included only the following
activities:

Blade - The ATC program included only the aft blade. Under
the prototype program, the opposite hand forward blade design
was accomplished, together with the pendulum vibration
absorbers design and development. Design improvements for
producibility were also incorporated in prototype blades.

Hub and Upper Controls - The prototype program included the
opposite hand forward hub and upper controls design and some
design improvements resulting from ATC program testing.

Drive System - The prototype program included the opposite
rotation forward transmission design and verification testing.
Although the gear train in the forward transmission is identi-
cal to the aft transmission, the input shaft angle, housing, and
integral oil cooler design is unique. Also a new forward
transmission test stand was required due to the shaft angle
and rotation direction differences. Synchranising shafting
between the combiner transmission and the forward tranasmission
was not included in the ATC program design and development.
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Flight Control Systeat - The flight control system for the
prototype aircraft is, in principle, similar to the ATC
demonstration system. The major subsystems are a direct
electrical linkage system (DELS) and an automatic flight
control system (AFCS).

Physically, the prototype DELS differs from the ATC
demonstration DELS mainly in the configuration of the
output actuators.

In the prototype HLH, the swashplates are supported by three
swashplate servoactuators. Swashplate servoactuators are
a two.-stage integrated design. They have a triplex control
stage interfaced with a dual power stage. In addition, the
actuators will incorporate a stall flutter damping feature
whereby the actuators are made soft to absorb stall flutter
loads at the four per revolution frequency.

The prototype AFCS utilizes the flight control computers,
input/output processors, a number of sensors, and certain
of the control and display panels developed for the Model
347 demonstration program.

The prototype AFCS provides stability and control augmenta-
tion functions similar to the Model 347 ATC system except
in low-speed flight.
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Also, certain of the outer loop selectable modes provided
in the Model 347 ATC are deleted in the prototype aircraft to
reduce cost. These include: load stabilization, precision
hover hold, and automatic approach to hover guidance. The
principal equipment changes associated with these model
differences arei

Inertial Measurement Units - Reduced from 2 to 1

Three Attitude Reference Systems - Increased from 1 to 3

Load Stabilization Sensors - Deleted ) Space and
power pro-

Precision Hover Sensing System - Deleted ) visions only
in

"Flight Director Indicator - Deleted ) prototype.

Cargo Handling System. - The prototype cargo handling system
was identical to the ATC system except that the longitudinal
hoist positioning feature was deleted. Initially, it was
planned to conduct the prototype program without operable
winches to reduce con- and a winch locking device was designed.
The hoists fabricatt Ar the ATC program were used in the
prototype.

A general background of the ATC program activities can be
derived from Figures 3 thru 7; however, for a complete
understanding of the ATC phase, see final reports, References
4 through 9.

1*
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2.2 CONFIGURATION DEFINITION

The HLM configuration and major characteristics at the time
of the prototype proposal submitted in late 1972 is shown
in Figure 8.

After contract award, a series of System Requirements Reviews
were held during March 1973. Detail level requirements were
"-stablished and revisions to the preliminary PIDS were defined.

Early in the program, trade studies were conducted in several
major areas, including the following:

e Honeycomb sandwich versus conventional aluminum skin
and stringer airframe construction

a Fuel pod shape and structure

o Fixed span versus variable span cargo hoists

* Landing gear height and landing gear design criteria

* Flight engineer's station - side facing versus forward
facing

e Crew vision study (windshield configuration)

e Nacelle geometry

* DELS swashplate actuator arrangement

* Aft pylon structure and lines

These trade studies resulted in the selection of honeycomb
airframe construction, stub wing type fuel pods, 14-foot
height fixed landing gear, fixed-position winches with an
18-foot span, a forward-facing flight engineer's station, a
reconfigured windshield and nacelle, a three-channel driver-
boost swashplate actuator arrangement, a widened aft pylon to
accommodate the actuators, and an improved pylon structural
arranqýwent.

The final configuration of the aircraft is shown in Figures 9
and 10.
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2.3 PERFO.MANCB

2.3.1 Definitions. Tfhe aircraft performance capabilities
are-estimated on the basis of key values shown in Table 2,
which were derived from estimates of the parasite drag of the
ftLH prototype~ and full-scale tests conducted under the HLH/ATC
program. The performance characteristics presented in this
section are further based on the following definitions and
assuizptions.

a. Reference to "Without Payload" in forward flight indicates
a& parasite drag value of the basic aircraft with no
external load.

b. Reference to "With Payload" in forward flight indicates a
parasite drag value of the basic aircraft plus 100 square
feet of parasite drag (equivalent flat plate) area.

c. Reference to,"Without Payload-, in hover or vertical1
flight indicates a vertical drag value of the basic air-
craft with no external load.

d. Reference to "With Payload" in hover or vertical flight
indicates a vertical drag value of the basic aircraft
plus the drag of an 8'x8'x20' rectangular container in
the most adverse po~sition.

e. Engine chakacteristics are based upon Allison Engine
Model Specification 844 for the XT701-AD-700 engine.
The XT7OI-AD-700 engine to be used in the prototype
shall provide rat-edi powers (uninstalled) as shown I.n the
referen~ced #rigirie specification. The fuel consumption
of the XT701-AD-7003 engine mE.y exceed that of the MOT
engine by 5%, and the aircraft performance 'ahown re-
flects this inurease. An addition-.1 5% increase in
s.f.c. has been applied to the data in accosdance with
NIL-C -5011.'

f. Cruise ulpeed is at MUg2est speed for 99 percent best
rango., seeot 4WLiLted by ulmmxinu continuous Vei,
ttran" p ~tinq o" *=*lot as.n~

g. M ates"O.4w s1e -a~~

-~~~~ ~ ~ ~ ~ 7 P0tIU5 ~~ ~*±~P ~A



h. In-ground-effect hover performance is based upon a hover
wheel height of 10 feet.

i. Initial fuel: fuel load at initial gross weight condit-
ion. Tncludes start3.ng, warm-up, and taxi fuel.

j. Mission fuel: fuel load at mission gross weight condit-
ion. Excludes starting, warm-ups and taxi fuel.

k. Initial gross weight: gross weight at engine start-up.
Includes starting, warm-up, and taxi fuel.

3. Mission gross weight: gross weight at critical mission
performance condition. Generally, it'is the highest
gross weight achieved while performing the mission pro-
file.

m. Maximum payload at alternate gross weights is limited by
the hoist capacity at 2.0 g of 35 tons plus the equiva-
lent of 12 troops in the cabin at 240 pounds each.
Total maximum payload is 72,880 pounds, or 36.44 tons.

n. Abbreviations:

AEO - All Engines Operative
OEI - One Engine Inoperative
OGE - Out of Ground Effect
IGE - In Ground Effect (10-foot wheel ht)
MCP - Maximum Continuous Power
INTP - Intermediate Power (30-minute use)
XMSN P - Transmission Power Rating
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TABLE 2. HLH PROTOTYPE PERFORMANCE BASIS

Rotor Performance

Based on results of full-scale whirl tests performed on the
ATC HLH rotor and 14-ft model rotor tests of HLH airfoils,
twist, and planform, corrected to full scale HLH rotor
characteristics.

Figure of Merit at SL 950, .767
at Design Gross Weight

L/De at SL std temp, 130 knots, 7.980
at Design Gross Weight

Flying Qualities Boundary (% Improvement
in CT/o over Chinook Rotor) -at 150 knots 10.3%

at 90 knots 9.4%

Stall Flutter Boundary (% Improvement 5%*
in CT/o over Chinook Rotor)

Aircraft Characteristics (Based upon current estimates.)

Aircraft Parasite Drag Area (Fuselage 154.3 sq ft,
Angle of Attack 40 Nose Down)

Vertical Download (With Payload, OGE) 6.7% Gross Weight
.(Without Payload, OGE)5.2% Gross Weight

Accessory Power Loss 286 HP

Transmission Loss 680 HP

*Model scale data - not corrected for Reynolds Number.
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2.3.2 Perfora~nce Sunmarv.- Table 3 is prototype esti-
mated performances. For estimated performance on production
aircraft; see Reference 12.

TABLE 3. ESTIMATED PERFORMANCE

PERPORIGANE SHOWN IS AT DESIGN GROSS WEIGHT
(118,000 POUNDS) WITH PAYLOAD EXCEPT AS OTHERWISE NOTED.

TEMPERATURE
I TEM UNITS 950F S TD.

Speed at SL
00Cruise Speed k) Knots 134 127

Cruise Speed (without P/L) 1) Knots 143 133
Max. Speed (XMSN P )Knots 152 146

Ho2ver Ceiling
AEO (OGE) at INT AIR Feet 5520 9000

OEI (IGE) at INT PWR Feet 2050 4930
OEI (OGE) at INT PWR Feet (2) 920

Rate of Climb at SL

Best R/C, AEO at. XOSN P FPM 2290 2290

Vert. R/C, ARO at INT FVR rpm 1220 1400
Beat R/C, OEI at INT PWR rpm 1220 1700

Gross Weight
Max. Hover (aGE at SL) Pounds 132,000 134,600
Max. Hover (OGE at 4000') Pounds 125,200 129,200

Payload )

Max. Hover G.W. (OGE at SL) Tons 24.9 26.2
Max. Hover G.W (OGE at 4000') Tons 21.8 23.8

NOTES: (1) At "No-Load" Gross Weight of 82,000 pounds.

(2) Max. G.W. For 031 (OGE) Hover at SL/950 is
112,200 pounds.ý

(3) External payload for two 25-naut mi sorties
per primary mission description in addition
to 3500 pounds of flight teat instrumentation.
Weight empty -65,823 pounds.



2.3.3 Mission Definition and Performance

The primary mission is shown below.

DELIVER 22.5 TONS OP EXTERNAL LOAD FOR 25 NAUTICAL MILES

AND RETURN EMPTY TWO SORTIES

LOAD CRUSEOU
22. T WITH LOAD CVR-O

NO LOAIT" LOAD

NO LOAD
10 MIN
EACH SORTI RUSEBAK0 LOAD

INITIAL D O.AR.--gTAXI |LOAD •
WARM UP 6 TAXII 2STNSMIN SEA LEVEL

RESERVE30MINCUSE, - [SORTIE RADIUS

30MIN CRUISE 25 NAUTICAL MILES
WITH LOAD

AT DOW

Mission performance for the primary mission is presented in
Table 3A. Mission fuel is based upon performiing the mission
at sea level/950F since it is more critical than sea level
standard. Warm-up and take-off fuel is equivalent to five
minutes of hover IGE, at design gross :vight, and is con-
sidered to be burned off prior to critical hover performance
required at mission gross weight. The stipulated payload is
carried externally and does not include 3500 pounds of flight
test equipment, which is considered to be part of the fixed
useful load.

2.3.4 Payload - Radius

Endurance capabilities of the prototype HLH are presented in
Figure 11 in terms of payload, total mission radius, and total
hover time at sea level standard conditions for design gross
weight and maximum hover OGE gross weighit. Mission endurance
consists of a 40%-601 split between hover and oruise,
respectively, which relates to the propqrtions of hover and
cruise for the primary mission.

*i,, 4', . . . . L - -i ' .



TABLE 3A. -PRIMARY MISSION LOADING TABLE

MISSION CONDITIONS

T/O Cond. (Altitude/Temperature) 4/5000
Payload (lb)450
Radius (naut mi) 25

Number of Sorties 2

MISSION WEIGHTS (lb.)

Gross We~.(Initial) 82710

Gross Welqh6 (mission) 127064
Weight ElnptV 65823 (1)

Initial Fuel (Int.) 11991
mission Fuel (Int.) 11345

Initial Fuel (Aux.) 0
mission Fuel (Aux.) 0

Payload 45000 (2)

Fixed Useful Load 1342

* MISSION FUEL SEGMENTS (lb)

Warm-up and Taxi 646

Hover Fuel with P/L 1450
Hover Fuel no PAL 1893

cruise Fuel with P/L 2928
Cruise Fuel no P/L 2114
Reserve Fuel 2960

NPTES.*

(1) Includes 3 55.4 l-b of Flight 7.r'est Instru~mentationl

(2) External Payload

.44'
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2.3.5 Cruise Performance. Power required and specific range
data are presented in Figures12 and13 for both the basic air-
craft and for an additional parasite drag of 100 square feet,
assumed for the drag of the external load. Data shown is for
sea level/95 9F ambient (Figure 12) and sea level, standard
temperature (Figure 13).

2.3.6 Hover Power required. Hover power required without
vertical drag of the payload for standard temperature and 95OF
ambients are shown in Figure14 as a function of gross w~ight.
These data are shown for hover OGE and hover IGE at a wheel
height of 10 feet. Comparable power required for hover with
external load may be computed by increasing indicated power
by 2.15% for out-of-ground effect hover only. No increase is
required for hover in ground effect.

2.3.7 Airspeed limits. Airspeed capability is shown in
Figure 15 for both standard atmosphere and 95F- temperature as
a function of altitude at design gross weight with external
load. These data include the fatigue endurance rotor limit
(stall flutter with pitch damping), flying qualities (1.15 g)
limit, MAX CONT PWR limit, transmission power limit, and air-
frame structural limit. Also shown is speed for best climb
and highest speed for 99% best range.

2.3.8 Hover Ceiling. Hovering ceiling data for 95°F and
standard atmosphere is shown in Figure 16. Performance is
shown for all engines operating and with one engine inoper-
ative for OGE and IGE hover at INT PWR.

2.3.9 Rate of climb. Vertical and best (forward flight)
rate of climb capabilities are shown in Figure 17.

2.3.10 Eggine Chara teristics. Installed engine shaft horse-
power available and installed fuel flow characteristics are
shown in Figuresi8, 19, and 20. The aircraft transmission
power limits are also indicated.

Installed engine characteristics presented include a 1.4% in-
"let pressure lose and losses due to engine air bleed for the
cargo hoist and environmental• ont]Zol system. No losses are
irncluded for infrared muppresgoion devices or air particle
s*arator.,

S • . 7•I .. . • ,•::'"- '7 ii - •, - •
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DESIGN ALTERNATE
GROSS WEIGHT GROSS WEIGHT

10,000
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I~a XMNURATIN01

4,M -

2 .000

o0. 1. :
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DESIGN ALTERNATE
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2.4 WEIGHT AND BALANCE

2.4.1 Classification. The weight and balance classification
as defined in MIL-W-25140 is lB.

2.4.2 Weicht and balance summary. A summary of center of
gravity locations for pertinent aircraft loading conditions is
presented in Table 4.

2.4.3 Weicht. A summary weight statement, in the format of
MIL-STD-451, Part ., is presented in Table 5.. The last status
report prior to cancellation of the contract is also presented.
2.4.4 Center of gravity enveop_2, The center of gravity
limits permissible in flight are as follows.

Gross Weight Extzeme Fwd. Extreme Aft.
112,000 pounds Sta. 559.5 Sta. 659.5
118,000 pounds Sta. 566.5 Sta. 659.5
120,000 pounds Sta. 569.5 Sta. 658.5
148,000 pounds Sta. 574.5 Sta. 649.5

The C.G. design limits are shown in Figure 21.

The C.G. envelope is based on the maximum HOGE (SL/STD) Gross
Weight. The loading condition is as follows:

a. Winches at fixed distance apart (Sta. 480 and 696)

b. Instrumentation allowance 3500 pounds

c. Fuel - 10,555 pounds

d. Cargo - 56,500 pounds- split 60/40 forward and 40/60 aft

ýV4
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TABLE 5. WEIGHT STATEMENT
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TABLE 5. (continued)
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2.5 DESIGN DEVELOPMENT

2.5.1 General

The XT701-AD-700 Detroit Diesel Allison (DDA) engine was
developed under separate contract with AVSCOM. Engine
characteristics are specified in Specification 844B. The
power management system was also developed by DDA as defined
by Specification 845A.

Design reviews were held covering all subsystems of the
prototype aircraft on 15, 16, 17, and 18 October and
5 December, 1973. The meetings were well attended by
Government personnel and the interchange was constructive.
Minutes were prepared and submitted to AVSCOM.

The Crew Station Muckup Review was helcl on 25 and 26 October
1973, attended by approximately 45 Government representatives.
A total of 137 chits were prepared and 52 were approved for
incorporation on the prototype, with 11 more assigned for
study. Minutes were prepared and submitted to AVSCOM
16 November 1973.

A Prime Item Development Specification (PIDS) review was held
on 30 and 31 October 1973. Minutes of the meeting and a
revised PIDS incorporating the decisions of the meeting were
"submitted on 14 December 1973, and subsequently approved by
the Gove rnment.

84
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2.5.2 Desiqn to Cost

The initial design-to-cost activities consisted of the
development of a design-to-cost plan and identification of
configuration features that, if eliminated or modified, would
reduce system costs. The design-to-cost plan includes estab-
lishment of design-to-cost targets, tracking concepts,
schedules for accomplishment, wid documentation requirements.
Figure 22 shows the design-to-cost program schedule. Table
6 shows the production aircraft cost estimates at the time
of contract award, together with the original design-to-cost
target.

Lower Level Targets

Targets were established at responsible engineer level
and to the lower levels of the Work Breakdown Structure.
Table 7 is a surmary of the rotor system targets show-
ing the responsible engineer and the target costs to the
lowest level of the Work Breakdown Structure (8th level).
Similar targets and responsibilities were established
for all subsystems.

Monitor Costs

This element of the design-to-cost plan was a continuing
effort. Cost tracking and visibility methodology was
established for all subsystems. The airframe methodology
of establishing part count targets was established at the
detail drawing level. Table 8 is a summary sheet of
the report issued on 1 April 1974, and Table 9 shows the
differences from the previous report on 15 March 1974.
Table 10is an example of the detail visibility given to
the responsible engineer.
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TABLE 6. AIR VEHICLE PRICE

(Contractor Furnishe~d Equipment)

FY 73 DOLLARS3 IN MILLIONS
AVERAGE

ESTIMATED PRICE

ROTOR/DRIVE $1.468

CARGO .472

FLIGHT CONTROLS .614

FUSELAGE & LANDING GEAR 1.548

OTHER SUBSYSTEMS .692

P(MER PLANT .9

COMMUNICATION/NAVIGATION . 018

INTEGRATION &ASSIMBLY .6

TOTAL $§. 868

DESIGN-TO-COST OBJECTIV g5.105

k4
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TABLE 7. HLH DESIGN-TO-COST DETAIL TARGETS AND RESPONSIBILITY

RESPONSIBLE

ENGINEFR TARGET
PER/AC

ROTOR/DRIVE R. Titus $1,223,959

Rotor System R. Titus $ 771,559

Rotor Hub Assembly F. Mamrol $ 383,400

Rotor Hub F. Mamrol $ 83,754

Loop Assembly F. Mamrol 30,251

Cross Beam F. Mamrol 32,927

Pitch Housing F. Mamrol 116,938

Elastomeric Bearing F. Mamrol 31,820

Accumulators F. Mamrol 17,254

Lag Dampers F. Mamrol 27,226

Misc. Assembly F. Mamrol 43,230

Upper Controls F. Mamrol 109,300

Drive Collar & Arm Assy F. Mamrol • 16,859

Scissor Assembly F. Mamrol 8,645

Pitch Links F. Mamrol 15,847

Swashplate Assembly F. Mamrol 63,299

Misc. Assembly F. Mamrol 4,650

Rotor Blade T. Scarpati $ 262,000

Spar Assembly T. Scarpati $ 66,094

Blade Assembly T. Scarpati 29,109

Blade Final Assembly T. Scarpati 21,464

Pendulum Absorber T. Scarpati 7,374

Material T. Scarpati 108,158

Raw Materials T. Scarpati $85,090

ISIS T. Scarpati 2,400

De-ice. Blankets T. Scarpati 15,687

Misc. Parts T. Scarpati 4,801



TABLE 8. WEIGHT AND PART COUNT SUMMARY

FUSEAGETAWOS CAILCTATED DELTA AD'L 1311
SECTION AW'L. WkIUHT

SECTION WRIGT PARTS VRlIOV PARTS WEIGHT PARIS WrowT

FORWARD 4080.0 3,798 4640.5 3,409 + 560.5 - 389 + 82.0 4,722..

CENTER 2023.0 2,057 3370.4 1,760 + 547.4 - 297 + 89.9 3,459.4

STUD WING 2109.0 1,539 2059.0 1,358 - 50.0 - 181 a 2,067.0

AFT 3787.9 3,113 4205.4 3,427 + 417.5 + 314 +161.0 4,366.4

TOTALS 12,799.9 10,507 14,273.3 9,954 +1475.4 - 553 +340.0 14,613
U. 12,800 ---- 14,275 --- +1475 - +140 14,613

TABLE 9. WEIGHT AND PART COUNT SUMMARY CHANGES

FUSELAGE 15 MARCH 1974 1 APRIL 1974 CHANGES SINCE
SECTION DELTA DELTA 15 MARCH 1974

FORWARD + 393.5 - 677 + 560.5 - 389 + 167.0 + 288

cmNR + 529.2 - 362 + 547.4 - 297 + 18,2 + 65

STUBW i - 92.1 -225 - 50.0 -181 + 42.1 + 44

AFT + A61.4 + 113 + 417.5 + 314 + 2.].IX- + 201

- II .- , -... - 'lof 92.01 -1151 *73.4 "553 + 483.4 L * 981
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Identify Cost Impact .imats

This element of the design-to-coot plan was also a
continuing effort. All responsible engineers identified
the high cost impact elementa.

Table 11 is a sheet from the combiner transmission
design cost and weight visibility by part. This method-
ology gave the responsible engineer the ability to
identify high cost elements from.which he could take
action to reduce costs,

Reallocate Subsystem Targets

The Design-to-Cost Plan called for targets to be
reallocated, if required. A revised estimate and
reallocation of targets was completed in May 1974, as
shown in Table 12.

Producibility Studies

Trade studies were conducted at the detail part level to
determine the most cost effective design approach.
Table 13 is a typical example of this type cf produci-
bility study.

Candidate Equipoent and Feature Changes

A list of design features and Army requirements that
could be deleted was identified and presented at the
First Quarterly Review in May 1973. This list was
updated throughout the program. The fiaal tabulation
is shown in Table 14.

2.5.3 Subsystem Desaign

The prototype subsystem design development is described in the
following sections, 2.6 through 2.18. Each of the subsystems is
discussed in a generally chronological sequence. Time
reference points given in quarters refers to calendar quarters
"ollo1ing contract award, rel-ting to the Quarterly Summary
Reports .(References 2 and 3) issued throughout the program.
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TABLE 12. HLH DESIGN-TO-COST SUMMARY

250 AIRCRAFT. AVERAGE COST STATUS

MAY REALLOCATED
1974 TARGET

Fuselage $ 740,560 $710,000

Landing Gear 240,600 215,000

Rotor Blades 343,468 295,000

Upper Controls 209,884 170,000

Rotor Hub 540,228 476,000

Drive 640,600 555,200

Cargo Handling 448,894 318,000

Flight Controls 677,480 457,300

Elec/Comm Nav/Instr 257,133 244,300

HydralJ.0c 110,677 96,600

Pneumatic 122,334 108,600

Fuel 114,797 109,000

Powerplant 205,335 167,200

Accommnodations/Furnishings 77,479 72, 300

Integration 685,437 642,100

Pee 463v700 463,700

*TOTAL $5,878,606 $5,100,300

'US



TABLE 13. TRADE STUDY - FORWARD TRANSMISSION DECK

*PARTS WEIGHT FASTENER RECURRING
TYPE COUNT (LBS) COUJNT COST

Forged 2 146 Equal 1.0

Forged + 14 141 Equal 1.18
Honeycomb
(combination)

NOTES: Forged deck adds 5 lbs

Combination deck costs $588 extra

Forged deck saves 12 parts

*Does n~ot include~ splice plate.
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2.6 AIRFRAME

2.6.1 Design

Design criteria for the prototype aircraft were established
during the first quarter and reviewed in the Systems Require-
ments Review Meeting. This review included: Design load
factors, design loading conditions, design rpms, and design
criteria to satisfy requirements for vibration characteristics,
ground resonance, and air resonance. The prototype design
criteria are identical to those of the production aircraft
and consistent with the requirements of AR-56 as modified by
the ASRD in all areas except vibration levels where a devia-
tion from the mixed frequency environment in the crew areas
is being taken. The prototype vibration treatment includes
blade-mounted pendulum flap absorbers tuned to attenuate
4/rev vertical shear and provisions for 4/rev moment. These
absorbers, together with fundamental design considerations in
the tuning (or detuning) of the airframe, are expected to
provide very acceptable vibration levels in the prototype
aircraft. Passive isolation of the crew area module also
provides attenuation of 4/rev vibration by means of DAVI
isolator units. Retuning of these units to the 2/rev
frequency is also possible in the event 2/rev would be a
problem.

A joint engineering/operations study was completed to deter-
mine the applicability of bonded honeycomb structure to the
HLH prototype. Since the production aircraft structural
weight bogies were based on the use of bonded structure, it
was considered highly desirable to fabricate the prototype
airframe in the same manner so that verification of weights,
cost, and the associated parts count reductions can be
accomplished wichiout production program pressures.

The detailed trade study was conducted based on preliminary
layout design covering approximately one-third of the HLH
primary structure. Trends established by this study compared
favorably with studies previously performed at the Boeing
Commercial Airplane Company.
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Conclusions drawn from the trade study point to weight reduct-
ion of 220/o, parts count reduction of 23%, and fastener count
reduction of 86%, when honeycomb construction is used.
Correspondingly, reductions in costs and manhours associated
with fewer fabricated parts and fewer assembly fasteners are
achieved. Figure 23 illustrates the comparison of actual con-
struction in honeycomb and in skin and stringer. Figure .4
shows the weight and parts count study results.

Interior View of CH-47 Chinook Fuselage Interior View of HLH Prototype Fuselag
Skin-Stringr Construction Bonded Honeycomb Construction

Figure 23. Structural comparisons - skin/stringer versus honeycomb.
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r TOTAL
INUMBER SPEC TOTAL CURRENT PERCENT OF

OF WEIGHT WEIGHT NO. OF SKIN SPEC STRUCT WT AIRCRAFT
DESCRIPTION PARTS (LB) (LB) FASTENERS (LB) WEIGHED

HONEYCOMB 1,009 2,672 3,371 13,300 PROTO 10,180 33.3
5.200 PROD

SIIEETMETAL 1,307 3,311 3.371 318,500 10,180 33.3

CH-47 1,205 1,026 1,026 3,856 26.6

STRUCTURAL-WEIGHT TRENDS PARTS-COUNT TRENDS

10,000- 5,000-

*POTENTIAL WEIGHT COMPARABLE RESULTS
-JREDUCTION *22.3% OF CAG STUDY" 22.7%

11 8000- ,o -

/HEMEA SHEETMETAL

6,000 HONEYCOMB LU HONEYCOM

4,-00- 2,000- GROUND RULES

COMPARABLE RESULTS 0A L
OF CAG STUJDY 23% POETA AT

2;000 r 1,000 REDUCTION *23.7%

0 20 40 60 80 100 0 20 40 60 80 100

PORTION OF AIRCRAFT WEIGHED - PERCENT PORTION OF AIRCRAFT WEIGHED - PERCENT

Figure 24. Trade-off study of skin/stringer versus honeycomb.

iro



Table 15 shows the results of the trade study with respect to
the expected improvements in reliability and maintainability of
honeycomb construction over conventional skin and stringer.

TABLE 15. COMPARISON OF SKIN-AND-STRINGER AND BONDED-HONEYCOMB
CONSTRUCTION FOR RELIABILITY AND MAINTAINABILITY

Experienoe Base

ompany data on CH-47 repair Boeing conmercial transport data
Air Force data on C-130 and 11-1 field experience (STRAAD eng)

C141
Feliability Prediction

Conventional Bonded-Honieycmb
Skin-and-Stringer Sandwich

Estimated malfunctiQi rate per
1,000 hr/lb 0.0516 0.0357

Estimated HIW weight (pounds) 11 700 9,100
Total Malfunction rate/l,000 hours 603.954 324.961

Maintainability Prediction •

Average Mi/repair
(adjusted for combat environment) 3.88 2.646

*MM/FHI for repair (worldwide, organi-
zational, direct, and general stport) 2.35 0.859

KVM4/FH for inspection (worldwide) 0.059 0.055

Fleet-Maintenanoe Saving

1.491 MW/M x 600 aircraft hr/yr x 10 yr x 100 aircraft x $8.20/hr =
$7.33 million savings

Table 16 ampares parts per pound and manufacturing manhours per pound
for conventional skin-and-stringer construction with bonded honeyoub.

TABLE 16. MANHOURS PER POUND

CCNVENTICNAL H•HEYOCOMI
Based on CH47 Prediction

For HIM

/|ihours par 19.9 13.3
pound (at A/C #1)
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A firm decision was made at the end of the first quarter to
proceed with this concept. A briefing was made on this sub-
ject to the Project Manager, AVSCOM, and conceptual layouts
and trade studies of the forward, aft,and combining transmiss-
ion support structure, forward and mair landing gear attach-
ment, troop compartment structure, stub wing and fuel cavity
structure, winch support structure, and engine support struct-
ure were begun during this period. The study shows a
reduction in structural weight of 223 pounds based on trend
curves, and a subsystem weight reduction of 217 pounds in the
winch and pneumatic systems.

The basic loft lines of the constant section and aft fuselage
were established and inserted into the master dimensioning
system. Loft lines for the nacelle and stub wing were fina-
lized to agree with static wind tunnel test results (ATV
program) and fuel volume requirements. Geometry is shown in
Figure 25S.

During the second quarter, conceptual layouts and major struc-
tural components were completed, and design reviews and trade
studies conducted. The following major decisions resulted
from these reviews:

A shear joint was selected (stub wing/fuselage interface) in
lieu of a tension joint. The landing gear attachment points
were frozen following AVSCOZ4 confirmation of the landing gear
height. A flat windshield arrangement was selected in.stead
of the curved CH-47 windshield. The aft pylon structure was
completely revised; the front spar was eliminated, and the
frame stations were relocated to provide a more efficient
structural arrangement.

The location of the outboard engines required the interruption
of primary fuselage members in order to provide an adeqUate
engine inlet airflow with a resulting local structural
arrangement and improved maintenance characteristics in the
engine area. There was no effec'%c on performance.

4

A study of engine work platform concepts resulted in a single
simplified work platform. This arrangement, shown in Figure
26, eliminated three sepaate work platforms and provided

one platform which can be opened and adjusted for simul-
taneous access and work area for all three engines. This
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concept r-sulted in a more efficent and cost effective design
with little weight penalty. Engine work platform design was
modified to provide latching restraint tc minimize flight de-
flections, thereby effecting a significant weiqht reduction.
A modification was made on the trailing edge to accoaimodate
common ejector pipes for all three engines.

Sizing of the fuselage structural elements by manual analyti-
cal methods was started while formulating the NASTRAN finite-
element program. Properties of all structural members in the
NASTRAN model were incorporated in the program, and the finite-
element model geometry was verified by using the plotting
capability of the program to give a visual representation of
the model. Flight loads were developed for the full range of
the flight evelope, and approximately 400 maneuver conditions
were run on a separate program to determine which of them
were critical for fuselage loading. This program has an input
of external loads and fuselage mass distribution. The output
is a station-by-station compilation of fuselage shear, axial
bending, torsion loading, and mass inertia loading. The
program also prints out the maximum and minimum of these
loadings at each station and the maneuver conditions which
generate them. These conditions were selected as the critical
loading cases for the NASTRAN program input. By this method,
the original 400 conditions were reduced to 37.

The first cut at formulation of the NASTRAN finite-element
program model of the fuselage was completed, checked out, and
run on the computer. The model is comprised of 3000 structural
elements, 1179 grid points, 240 mass degrees of freedom for
dynamic'analysis, and 400 mass degrees of freedom for stress
analysis. I

The distribution of the primary modes of the fuselage in the
frequency domain is shown in Figure 27.

Aeromechanical stability considerations require the frequency
of the lowest fuselage mode to be at or above 1.6/rev
(4.15 Hz). The first vertical bending mode falls below this
frequency and must be raised. The second vertical bending
mode is just below the dominant excitation frequency of
4/rev (10.4 Hz), thus experiencing an amplification in excess
of 2.
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MODAL FREQUENCY PLACEMENT

- NO - *- YES 04- - NO

POTENTIAL DESIRED RANGE AMPLIFICATION OF
AEROMECHANICAL 4/REV EXCEEDS 2
INSTABILITY

4/REV
1/REV L2

v~i ~V2

L 10 15

FREOUENCY - Hz

LEGEND

V1 1ST VERTICAL, 3.51 HZ
V2 2NDVERTICAL.10.04 HZ
Li 1ST LATERAL, 5.06 HZ
L2 2ND LATERAL, 12A7 HZ

Figure 27. Modal frequency placement chart.
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Intensive parametric trade studies were conducted to define
the most feasible method of raising the first vertical mode
to t.15 Hz and, simultaneously, either lowering the second
vertical mode to 8.5 Hz or raising it above 14.7 Hz in ordez
to remove it from the frequency band which has an amplifica-
tion greater than 2 to 4/rev rotor excitation.

The first lateral be~idinig mode is within the desired frequency
(above 4.15 Hz but below 8.5Hz). The second lateral mode was
above 4/rev, but within an undesired frequency band. Since
tuning the vertical modes will affect the lateral modes also,
the second lateral mode was not addressed directly; how-

00 ever, its frequency was carefully monitored as the vertical
modes were tuned.

Updating of the 1NASTRAN model to reflect the current proto-
type configuration and prediction of in-flight vibration
levels was accomplished.

Two alternatives were investigated as a means of achieving
a shift in second vertical bending response away from the
4/rev rotor frequency. These alternatives were stiffening
or softening of the fuselage shell between stations 236 and
452.

Figure 28 reflects the initial structural arrangement of the
forward fuselage. Hatch locations are shaded. Correction of
the second vertical bending mode problem was not simple.
Using the D-29 stick computer model, stiffening to a level of
approximately 6 x strength requirements resulted in only a
change of approximately 2 Hz (to approximately 12.5 Hz), still
far from the 14.8 cps necessary to achieve the transmissibility
criteria of 2. Stiffening was then abandoned as a viable
option.

Design studies were conducted to determine a practical
approach to softening the forward fuselage, while still
meeting strength requirements. The optimum configuration
which met softening, structural, and functional requirements
was determined to be an opening of 6781 x 67", in both sides of
the fuselage between stations 308 and 380. For vertical
bending, this change altered the elastic bending character-
istics sufficiently to lower the second bending mode natural
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frequency to 8.5 Hz, which meets the transmissibility require-
ment. An evaluation was made of reducing airframe cutouts
(2 escape/gunner's hatches, one rollover escape and mainte-
nance hatch, and a bottom cargo hatch) to a minimum. If the
number of cutouts could be minimized without compromising
functions (ingress/egress, gunner's station maintenance, or
cargo handling) a more optimum structural design should be
achievable. Alternative arrangements were reviewed. The
resulting final arrangement is shown in Figure 29. To
satisfy the softening requirements the large cutout of 67" x
"67'1 was added to both sides. The lower cargo door and the over-

,head maintenance/escape hatch were eliminated. A gunner's
hatch/escape panel is inciuded within the non-structural
panels. Figure 30 shows cross-sectional views of the concept.
The sections are viewed looking aft. The section on the right
side of the chart shows the left panel hinged up as a cargo
hatch, while the section on the left shows the right hand
panel folding out and down with a built-in ladder for mainte-
nance access to the crown of the aircraft. A rollover excape
hatch is provided in the floor at the center of the aircraft
just forward of the winch bay where structural framing already
exists.

In addition, the entry door and airstair forward of station
236 were eliminated to minimize the weight impact of soften-
ing, since the new large cargo door can now be used for crew
and troop ingress and egress.

Forward fuselage softening resulted in rescheduling of inter-
nal engineering releases, which had an effect on major jig
loading, but did not impact prototype rollout.

Experience with the CH-47 Chinook helicopter led to the
establishment of HIM design criteria for cabin crown frames
subjected to vibratory rotor downwash pressures. To meet
these criteria, HLH prototype frames were first sized for all
static and vibratory loading cases; then using these prop-
erties, a dynamic analysis was conducted to establish the
required sizing to determine the cabin-crown bending mode
away from 8/rev. As a result, the bending stiffness of r veral
frames was increased to give a bending mode at 24.7 Hz (19%
above 8/rev).
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Provisions were made-in the crew areas to permit utilization
of a crew isolation system incorporating the Dynamic Anti-
resonance Vibration Isolator (DAVI) concept developed by
Kaman Aircraft Corporation. Both DAVI and sine spring con-
cepts were considered and the DAVI was selected as the lowest
risk concept which could be employed in the crew area to
provide further reduction in the vibration levels beyond that
anticipated with the rotor-mounted pendulum absorbers. The
DAVI is a single-frequency device and will be tuned to 4/rev
to attenuate both vertical forces and pitching and rolling
moments. While the sine spring will no longer be considered
for applicatio~n in the prototype, continued development of
that concept is desirable, since it can attenuate all fre-
quencies down to and including l/rev. A detailed analysis
of the cockpit area was developed U:3ing the NASTRAN finite-
element program to evaluate local airframe loads and vibration
levels ane the effect of isolation between the cockpit floor
and the airframe support structure, as well as the use of
fixed tuned vibration absorbers which were considered as a
backup approach.

Final NASTRAN vibration predictions of the basic untreated
(no vibration reduction treatment) fuselage were completed.
Fuselage natural frequencies and mode shapes were identified;
all basic fuselage modes are well placed for minimizing re-
sponse. The lowest fuselage bending modes are predicted to
meet the 1.6/rev (4.16 Hz) objective for air resonance aveid-
ance by judicious use of composite stiffening of cabin
longerons. Basic fuselage modes near 4/rev (10.4 Hz) were
found to be acceptable from a modal forced response analysis
(modal contributions). A rotor hub forced response analysis
was also performed and will be required in analyzing the
effectiveness of pendulum absorbers. A local roll resonance
of the pilot and copilot seats on the cockpit floor was
found and has the effect of amplifying the lateral vibration
level from .lg on the floor to .4g on the seat cg. This local
mode problem will be confirmed in the planned cockpit crew
platform shake test. The 4/rev vibration response predictions
throughout the fuselage are shown in Figure 31.

Design of the fuel cell cavity included consideration of
lightening damage protection, since the construction is
basically fiberglass and/or PRD 49 fibers. The fuel cell
cavity structure is protected from the possibility of light-
ning damage by:
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The general configuration of the aircraft with large-
diameter tandem rotors above the stub wing.

Lightning diverter straps, on the structure exterior,
which would direct the electrical energy away from the
fuel compartment.

Candidate materials and methods of providing a conductive
surface to the entire exterior surface of the fiberglass L.E.
section of the stub wing included: 200 x 200 2-mil aluminum
wire mesh, 5 oz. knitted aluminum fabric, conductive paints,
and sprayed aluminum coatings.

Trade studies considered producibility, weight, electrical
and structural characteristics, and adaptability for electrical
bonding to the aluminum torque box section of the stub wing.
None of these approaches appeared attractive, particularly
after reviewing the HLH general arrangement and identifying
possible direction of lightning strikes.

The more effective lightning protection technique for the
stub wing is the use of a peripheral metal strap extending
along the leading edge, around the tip, and continuing to
the metal portion of the wing. Additional diversion of the
lightning strikes is provided by longitudinal fairing strips
covering the gaps between the fuel cell structure assemblies
and adjacent structure, and extending from the leading edge
diverter strap to the aluminum front spar. All interior metal
parts (drain fittings, probe supports, manhole flange, etc.)
are electrically bonded to the external diverter straps by
use of 0.005" thick x 3" wide 1100-H19 aluminum foil adhesively
bonded to the fiberglass structure. Metal-to-metal contact
surfaces are free of primer or paint to assure conductivity;
sealants are provided to assure corrosion protection.

Also in the stub wing area, a decision was made to provide
access to the stub interior through a hinged panel on top of
the torque box which reached from the fuselage crown walkway
rather than through the highly loaded fuselage side skins, as
shown in Figure 32. A simple wooden mockup was constructed
and evaluated. The mockup resulted in proper placement of
safety belt attachment points, finalization of opening size,
door hinge location, and adequate foot rests to permi't main-
tenance ingress and egress.
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A foam core mockup of the center engine compartment and
associated structure was fabricated to evaluate clearances
and to provide a visual tool tcward designing the heat/fire
shield for the center engine.

A study was conducted on the air flow and temperature levels
from all heat sources in the aft fuselage in order to finalize
adhesive bonding considerations and major structural cutouts.

A design problem concerning the longitudinal intercostal
members was identified. The longitudinal intercostals are
functionally needed to provide stability for the edges of
the large outer shell (skin) panels, and in turn stabilize
the frames. The prublem concerned the detail design of the
inner chords of the intercostal beams, which can be designed
as either continuous or discontinuous.

If these members are designed as discontinuous, an advantage
of light weight is achieved since they only pick up low
axial loads, but have the disadvantage that "soft ends" at
each frame make it difficult to insure stability of the
inner frame caps. Thus, adequate stabilizing of the frames
may not be achieved.

If these members are designed as continuous they have the
advantage of being more stable, but a disadvantage in that
they "pick up" a larger axial load, which tends to size the
member. The continuous configuration was selected 4s the
best solution for stabilizing the outer shell panels and the
frames at the least risk.

A trade study was conducted to determine the best form for
the inner chori. Mhe mai, objective was to configure the
member for maximum column allowable at the lowest weight. The
study included extruded shapes, hollow shapes, bonded sandwich,
and roll-formed shapes. In conjunction with selecting Lhe
shape for these members, a design review was conducted to
determine an optimum relationbhip between this strtctural
requirement and that of providing supports for the long runs
of hydraulic and electrical subsystems. It was found desir-
able to combine the structural requirement with support of
the electrical wiring, such that the final configuration will
serve a dual function.

The resulting intercostal configuration is shown in Figure 33.
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F1kure 33. Typtcl section through lo;aWtdinai "Intercostal" members.
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2.6.2 Honeycomb Panel Development

Preliminary honeycomb panel fastener feasibility specimens
were fabricated for design evaluation (Figure 34). A honey-
ccr•h skin test panel and a panel bonding tool were fabricated
fcr: proving the bonding tool concept, panel joining, design
evaluations, and q.ality assurance inspection techniques
(Figure 35).

The panel assembly included built-in defects as specified, in
order to confirm and define quality assurance inspection tech.-
niques. The panel assembly is shown in Figure 36.

The panel bonding tool demonstrated its capability for bonding
acceptable panel assemblies. Evaluation of the fabrication of
this concept of tooling indicates a potential cost improve-
ment over past fabrication methods.

Additional bonded honeycomb panel specimens were fabricated
for evaluation of joining and splicing techniqcien. A wave
edge panel specimen was fabricated in order tV evaluate and
demonstrate the effect of honeycomb panel contour tolerance
on fit-up. The tolerance effect which could be experienced
on joining two panel assemblies is the short pitch waviness
characteristic of joints between frames and the honeycomb
skin panels. To demonstrate this effect, a panel .625" thick
by 20" wide by 48" long was fabricated. The panel consisted
of 2.3 lb/ft 3 aluminum face sheets, 0.20" aluminum doublers,
and 12 lb/ft 3 aluminum core along one edge.

The panel was then fastened to a heavy aluminum angle which
had been fabricated with several waves of approximately 20" pitch
and wave depths up to .045". Hi-Loc fasteners 3/16" in
diameter and hex head bolts 3/16" in diameter were used with
a .050" splice strap for fastening. The honeycomb panel was
"pulled" into fit-up with the heavy waved angle. The com-
pleted panel shows no visibly detectable effects from the
forced fit-up (Figure 37).

Several other specimens were also fabricated to evaluate
and demonstrate methods, techniquesand structural integrity.
A fabricated 4'x8I aluminum honeycomb panel was represent-
ative of the oven bonding of large panel areas under pressure
without a bleed path for. air escape. Ultrasonic inspection
revealed no voids between honeycomb and the outer skins.
Peel tests, beam shear, and fatigue tensile tests showed well
within allowable limits (Figure 38).
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Figure 34. Honeycomb fastener specimens.

FIgure 35. Bonding assembly Jig for aluminum honeycomb skin panels.
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A summary of evaluations, specimens and development tests
accomplished is shown in Table 17.

A sample compound curved panel, SK301-11715, was fabricated,
assembled, and bonded (Figures 39 and 40). The panel was
assembled using aluminum flexcore bonded with .020" stretch-
formed skins. The panel assembly was visually inspected and
accepted, and turned over to Quality Assurance for bond eval-
uation and verification of inspection procedures. This sam-
ple was used to verify the concept of forming both the inner
and outer skin on a single forming tool.

Three flatwise tensile specimens, frame attachment SK301-
11728, were fabricated, bonded,and tested successfully.

An evaluation using polyvinyl chloride (PVC) film as a method
to verify correct dimensional tolerances on compound contoured
panels was conducted. The method proved to be successful.

An inspection plan was prepared for the structural bonded
assemblies. This plan breaks down the inspection functions re-
quirtd through the build-up, assembly, and bonding of the
panels.

Non-destructive test (NDT) procedures were developed for use
on full-sized prototype bonded panels. Sections from the
structural honeycomb bonded tooling test panel SK301-11679
and the compound curved panel SK301-11715 were used in this
evaluation. Results of the SK301-11715 compound curved panel
show questionable areas at the foam adhesive core splices
using a hand scan test with both Sondicator and Harmonic Bond
Test equipment. No other questionable areas were found when
this panel was inspected again using immersion through-trans-
mission ultrasonic inspection.

The panel was weighed prior to and following immersion in the
ultrasonic tank to determine moisture absorption using this NDT
technique. The result was 2.2% weight increase after 12 hours
immersion time. An x-ray evaluation of the SK301-11715 panel
for the extent of moisture penetration was completed (Figures
41 and 42 ). The dark areas indicate the presence of liquid
and are found in the periphery, foam splice, and densified
core area. It must be noted that this panel did not have the
edges sealed.

All questionable are*s indicated by NDT: mthods weia destruct-
ively evaluated for; confi*ation ani I tdr• ration,
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Figure 39. Bonded honeycomb compounld contour test panel (front).

F~gue 4. BndedhonY~ob ca'! oun cotou, test panel (back).
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Figure 41. X-ray of SK301-11 715 panel, showing moisture penetration.

II

Figre 42. X-ray of SK330-11715 panel, showing moisture penetration
In additiono4 area
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The compound curved panel SK301-11715 (non-destructively
tested) was further evaluated and found to have anomalies only
in the foam splice areas as indicated in Figure 43 .

Evaluation of commercially available ultrasonic test equipment
for inspection of prototype panel assemblies was completed.
The MKII Harmonic Bond Tester manufactured by Shurtronics
Corporation was chosen for the bonded panel assembly inspection.

Advantages of the Harmonic Bond Tester over other equipment
are: (1) It requi-es no liquid coupler (i.e. water or oil) for
inspection, eliminating the need for subsequent cleaning of
parts. (2) Redundant defect alarm systems (light and buzzer).
Light alarm was in the scanning probe eliminating the need for
the operator to monitor a meter or oscilloscope. (3) Fast
scanning capability which allows for automation. (4) Suit-
able for operation on a variety of composite structures and
materials. Four units were ordered and received in-house.
Inspection personnel were trained in the use of this
equipment (Figure 44 ).

A quality standard reference panel with built-in defects,
P/N 8-5800-2-94-X900, was fabricated. The defects were
evaluated using the Harmonic Bond Tester and found to be an
acceptable reference standard.

HLH Quality Assurance personnel reviewed Boeing Wichita's bond
and inspection capabilities.

HLH Quality Assurance personnel also participated in the capa-
bility survey of the Lockheed Georgia Company, Charleston,
South Carolina. This survey established that the facility
had the capability to produce good quality bonded assemblies.
Minor variations between Lockheed and Boeing specifications
were resolved. Quality Procurement accomplished a system
survey to review Lockheed's Documentation and Operating Pro-
cedures. Quality Assurance personnel and Quality Procurement
jointly performed a technical audit of Lockheed during the
first part fabrication. This audit included the fabrication
process and the inspection techniques as applicable to the
Boeing documents.

The bonding of honeycomb structures in-house was completed on
approximately 35 assemblies. These assemblies were nondestruc-
tively tested by use of the Harmonic MKII Bond Tester. Bonding
and handling defects were identified and reworked.

HLH Quality Assurance personnel witnessed the prefit and bond-
ing of the 301-25500 crown panel at Wichita. This was the
first large contoured panel (32 ft longy to be bonded.
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HLH Quality Assurance personnel participated in off-load meet-
ings with Kaman Aircraft. The off-load assemblies involved
bonding both fiberglass and aluminum honeycomb assemblies.
Kaman prepared specimens for qualification to bond per Boeing
Document D-16538, "Bonding Structural Reinforced Plastic Parts"
and D-16925, "Structural Bonding Metallic Parts". A survey of
Kaman's facility was performed by Quality Assurance Technical
Support and Quality Procurement personnel for compliance to
Boeing requirements.

HLH Quality Assurance reviewed and approved Lockheed's speci-
fication variances. Lockheed submitted samples and data which
met the requirements for qualification to D-16925 for struct-
ural bonding. The first prefit of detail parts at Lockheed
was witnessed by Quality Assurance.

All major bonded assemblies from Boeing Wichita were received,
visually inspected, and minor shipping defects documented and
dispositioned. All bonded honeycomb panels were completed by
Lockheed, Charleston, S.C. and received in-house.

Qualification specimens have been evaluated from Kaman Aero-
space Company and Quality Assurance has taken part in facili-
ties survey of Kaman facilities (Broomfield and Moosup, Conn.).
Required process deviations were handled by specification re-
visions and Kaman was added as an approved honeycomb bond
vendor.

Quality Assurance and Quality Technology personnel performed a
correlation between Boeing Vertol NDT equipment (Harmonic Bond
Tester) and techniques and Lockheed's equipment (Sperry 715)
and technique. Lockheed constructs a standard test panel for
each configuration. Boeing Vertol has one test panel only
(for calibration). This analysis showed Boeing Vertol methods
could find all bond anomalies reported by Lockheed and, if re-
quired, substantiate the area upon receipt of the assembly in-
house.

A reliable method has been developed to allow inspection of
assembled panels for the detection of materials such as peel
ply or backing paper, inadvertently left in the panel during
processing. This involves drilling a small (1/8" diam) hole in
the suspect area and examining the chips under magnification and
black light. Along with this, nondestructive inspection using
ultrasonics is performed to determine unbonds.

Final joining of the HLH fuselage sections was accomplished on
21 Apr#l 1975 at Boeing VQrt•i. The previously joined
aft and center fuselage embly was removed from jig re-
strainta, the aft fuselage .11g disassembled, and the fuselage
jacked approximately five feet to permit insertion of support
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tooling beneath. The entire assembly was then rolled forward
on previously positioned tracks and successfully joined to the
forward fuselage. All mismatches at this join were minimal and
well within the .040" mismatch experienced at the previous join
of the 52-foot center fuselage to the aft fuselage, accomplished
in March.

The achievement of little or no mismatch at splice is evidence
of significant technical advance in design and tooling con-
cepts, when it is realized that contoured bonded skin panels
and their associated tooling were fabricated by four different
manufacturing facilities: Boeing Vertol, Ridley Park, Pa.;
Boeing Wichita, Kansas; Lockheed Marietta, Georgia and Charleston#
S.C.; and Kaman Aerospace, Bloomfield and Moosup, Connecticut.

All tooling information as well as basic lines for non-dimen-
sioned engineering drawings were extracted from the Boeing-de-
veloped Master Dimensioning (M.D.) system, a computerized
mathematical lofting system first used extensively on the 747
program. Extractions from the M.D. system were made by each
manufacturer independently, bypassing the need for tooling
masters.

Besides providing contour information for fabrication of bond-
ing tools, which were also of advanced concept, M.D. extract-
ions were also used to supply the input for numerical tape-con-
trolled machining of contours on large fittings and for manu-
facturing of form blocks for those few areas on the HLH where
doW;Ie curvature skins exist.
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F'uselage tuning, i.e. adjusting the natural frequency of the
strength-configured airframe, is accomplished by the addition
of high strength/high modulus unidirectional composite graphite/
epoxy strips to the axially loaded (longeron) edge members of
the honeycomb skin panels.

Low vibration environment for the cockpit and the load con-
trolling crewman station is provided by the isolated module
concept. Crew seats, flight controls, instrument panels, and
consoles are all mounted to a commnon structural base to form
a module package. Each module assembly is mounted to the
airframe via four flAVI (Dynamic Anti-resonant Vibration Iso-
lator) units, which isolate the module from the vibratory
characteristics of the basic structure.

The engine work platform is a unique maintenance feature of the
HIM. The entire lower section of the fuselage and the out-
board engine pods, below the center line of the engines, is a
separate unit which, when lowered by the electrically powered
lift system, provides a walk-around service platform for
access to the three engines. Operation of the lift system is
controlled from an operator's control panel located in the fuse-
lage just forward of the work platform. The lift system con-
sists of a centrally located power pack connected to two ball-
screw linear actuators. The power pack and the fixed end of
the actuators are mounted to basic structure. The lower end
o~f the extendable actuators are connected to the movable work
platform. The power pack consists of an electric motor driv-
ing a speed reduction "tee', gear box. The two outputs from
the power pack are connected to the actuators by torsion drive
shafts. The two actuators each consist of an angle drive gear
box, the circulating ball housingand the extendable threaded
shaft. The gear box and housing is 'mounted to basic structure
in a fixed relationship. The lower end of the threaded shaft
is connected to the work platform with a self-aligning attach-
mernt. Longitudinal and lateral positioning of the work plat-
,form in all vertical positions is maintained by an extensible
,scissors mechanism located at each of the vertical actuators.

A. review of the weight and part. count status in May 1974 is
shown in Table 18. These data indicated that initial esti-
mates were being achieved for the prototype and that further
reductions could be attained for the production configuration.
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2.6.3 Final Configuration Descriytica. The final primary
structure design utilizes sandwich panel bonded aluminum
honeycomb construction for the entire outer skin. In addition,
the transmission decks, the transmiss-'an load path frames, the
landing gear load path frames, the fuel pods and engine pods
lor.d path frames, and the external cargo hoist support beams are
also constructed of bonded aluminum honeycomb (flat) sandwich
structures.

Longitudinal beams, which provide edge support for the longi-
tudinal joints between honeycomb panels and stabilize the
axially loaded edge members of the panels, as well as fuselage
frames other than the major load path frames, are designed as
conventional sheet metal structure.

The primary structuri section of the fuel pod is a two-spar
torque box with four ribs on each side of the aircraft. The
spars and ribs are bonded aluminum honeycomb (flat) sandwich
panels. The upper and lower skin panels are single-curvature
bonded aluminum honeycomb.

The engine pod support structure is a two-spar torque box con-
structed of. bonded aluminum honeycomb panels.

Non-metal bonded honeycomb construction is utilized exten-
sively for secondary structures.

The leading edge of the fuel pod, which forms the cavity
structure for the crash resistant fuel cells, consists of
sandwich structure ribs and skin panels. The skin panels
consist of non-metal cores with fiberglass-reinforced plastic
skins. The ribs, which are designed to a stiffness criteria,
consist of non-metal cores with Kevlar (PRD-49) reinforced
plastic skins.

The center engine shroud, which forms the firewall enclosure,
is a bonded sandwich construction using non-metal core and
glass-reinforced faces of polyimide resin system producing a
panel which meets the specification requirement for engine
compartment firewalls.

Fiberglass-reinforced plastic-faced honeycomb skin panels are
used exclusively in pylon fairings, pylon work platforms,
engine work platform outer skin,-*nd pylon leading and trailing
edge components.
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All primary structure was released by the first week in May
1974 and the concentration of manpower shifted to the design
and release of secondary structure such as forward and aft
pylon fairings and work platforms, engine work platform, doors,
hatches, and ladders.
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2.7 LANDING GEAR

The HLH landing gear is a tricycle type with dual wheels on
each strut, differential braking on the main gears only,
and power steering on the nose gear. Conventional materials
were used for the prototype gear rather than advanced
composites.

Early in the prototype program, design-to-cost trade studies
were conducted. These studies examined the impact of weight,
recurring cost, maintenance, reliability, and load acquisition
as a function of landing gear height, kneeling features, and
design point (landing gross weight). The results were pre-
sented to the HLHS PMO on 30 March 1973 and at the Systems
Requirements Review meetings held at Boeing Vertol.

The production HLH landing gear as originally conceived
provides for differential kneeling of the main and nose gear
to allow for a 10- to 15-degree slope landing. In addition,
the landing gear is configured to allow operations with
fuselage clearance and also in a "high" configuration with
14' ground-to-fuselage clearance. The latter position, 14'
clearance, enables the helicopter to taxi over an 8' high
load supported on a dolly. The load-controlling crewmember
is equipped with controls and brakes to position the heli-
copter over such a load.

A review of the landing capability of the HIM indicated that
there is ample rotor control to provide for a 10- to 12-degree
slope landing with fixed length gear (no differential kneeling).
Removal of the kneeling requirement from the present landing
gear provides an estimated savings of 1100 pounds and $44,000
recurring cost per aircraft (based on 250 aircraft). There
is a reduction in malfunction rate of 47 per 1000 manhours
which results in a reliability improvement of .25 maintenance
manhours per flight hour.

The design analysis also included an examination of the weight,
cost, and performance as a function of landing gear height
(ground-to.-fuselage clearance). The landing gear height was
varied from a maximum of 141 fuselage clearance to provide
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taxi capability over an external load to a minimum height of
8'-8" fuselage clearance. Table 19 summarizes the weight and
cost comparisons.

TABLE 19. LANDING GEAR HEIGHT TRADE STUDY

FUSELAGE TO LANDING WEIGHT COST REDUCTION
GROUND CLEARANCE GEAR (LB) BASED ON 250 A/C

8 Non-Kneeling 5877 $18,000

14" Non-Kneeling 6389 Baseline

The above table shows a weight savings of 382 pounds and a
cost savings of $14,000 per aircraft (over 250 aircraft) by
reducing the clearance height from 14' to 8'-8" which is the
minimum height required to acconr-'odate the LCC station.
There is no measurable improvel nt in reliability and main-
tainability in going from 14' clearance to 8'8" clearance.

The results of an analysis of landing design gross weights
is shown in Table 20. The aircraft design gross weight condi-
tion (118,000 pounds) is compared to a no-external-load
condition (81,000 pounds landing gross weight).

TABLE 20. LANDING WEIGHT TRADE STUDY
COST

GEAR RED.
DESIGNED BASED
TO GROSS FUSELAGE SINK RATE/ LODTAXI LOAD WGEAR ION WEIGHT

WEIGHT CLEARANCE GROSS WEIGHT FACTOR WEIGHT FACTOR WEIGHT 2'50 A/C REDiU.

81,000 14' 16.9 at 81,000 2.25 148,000 2.0 6,389 -------

12.0 at 118,000 2.00
8 8'8" 9.0 at 148,000 ---- S,627 $21,000 5s8

i 118,000 14' 17.7 at 81,000 2.25 146,000 2.0 6,309 -------
16.9 at 118,000 2.00

898" 9.0 at 148,000 .... 5,977 $14,000 392

*There is some reduction in airframe support structure
weight, ostimated to be under 100 pounds.
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Cost and weight reductions for kneeling, gear height, and
design point are additive; thus elimination of kneeling,
reduction in gear height to approximately 8'-8", and reduction
in design point from 118,000 pounds to approximately 81,000
pounds would result in a weight reduction of 1,688 pounds per
aircraft and cost saving of $65,000 per aircraft based on 250
aircraft.

As a result of these analyses, the following recommendations
were made for the HLH production and prototype configurations
in the interest of cost and weight reduction:

a. Delete the requirement for landing gear kneeling
(landing gear to be fixed).

b. If there is a firm operational requirement for over-the-
load taxi, retain the 14' fuselage clearance.

c. If the over-the-load taxi requirement is "soft", the
8'-8" fuselage clearance is the most cost effective
configuration.

d. Design either the tall or short gear to 92,000-pound
gross weight, which is an ample margin over weight empty
plus fixed useful load, 12 troops, full fuel, and an allow-
ance of 6,000 pounds for a universal top lift adaptor.
In the interest of conservatism, either gear designed to
a 92,000-pound gross weight is recommended in lieu of the
81,000 pounds used in the trade studies.

The decision was made by AVSCOM to retain the 14-foot height
gear for the prototype in order to.allow a service evaluation
of this feature. Kneeling was deleted and a 93,000-pound
landing gross weight was established.

The procurement specification was released and a vendor
(Menasco) was selected to design and fabricate the landing
gear. A decision was made to use hydraulic power for the
nose gear steering actuator after studies of pneumatic versus
hydraulic systems were completed.

As a result of a crashworthiness review in July 1973, the nose
landing gear was redesigned to improve crash survivability
in the crew .compartment. The attachment to the fuselage has
been revised to provide a predictable breakaway path for the
nose strut away from the crew compartment in the event of a
crash landing.
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A weight problem of 350 pounds per ship set of landing gear
was identified, and was addressed by the vendor and
Boeing Vertol engineering.

The landing gear design was subjected to an intensive weight
review for optimization of each detail.

In February and March the main gear side brace design under-
went a critical evaluation to optimize its weight; however,
cost considerations did not permit a design change for the
prototype aircraft.

Approval of vendor drawings began in January. The critical
design review was held at Boeing Vertol on February 5-6, 1974.

Design of the landing gears and power steering system was
completed in June 1974 together with specifications, materials,
and processes, and spares requirements.

Qualification testing of the wheels and brakes was conducted
by Goodyear Tire and Rubber Company in late 1974. The
original test objectives were achieved except in the three
areas discussed below. However, it was determined that the
wheel and brake assembly was adequate for use on the proto-
type aircraft for the following reasons:

Static Torque (Hot): Insufficient pressure was applied
during this test. Since 3000 psi was available in the aircraft
braking system, it was not considered a problem. Also there
was no plan in the test program to park the aircraft on a 20°slope.

R.T.O. Requirement: This requirement was based on stop-

ing a 148,000-lb aircraft. Since it was not planned to take
off or land at this gross weight, the 20 stops at 93,000 lb
gross weight plus what was achieved during the R.T.O. stop was
considered adequate.

Structural Torque: This test would normally have been
performed after the R.T.O. stop but due. to damaged test parts
could not be performed. However, thip. test had been run
earlier on a similar part and wa,- baccessfully completed.
This test was considered adequate, based on similarity.
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Ground Resonance Test. The main landing gear was tested to
determine ground resonance damping qualities. Tests to deter-
mine friction forces in the strut of the gear due to axial
loading and side loading were conducted and the lateral stiff-
ness of the gear was ascertained.

The damping test covered a range of strut mean loads and a
range of amplitudes of oscillation for each strut load. Tests
were conducted for a gear with two inflated tires; also in
some case3, for a gear with only one inflated tire to simulate
a burst tire condition. In the one inflated tire condition,
tests included increape of strut air inflation pressure to 120%
of normal.

In order to simulate partial airborne conditions of the air-
craft, the tests performed at lower strut loads had gear at a
cant angle in compliance with the 30 nose up attitude. For
higher strut loads the angle was that for the normal, non-
airborne attitude, i.e.,,60 from vertical.

The damping characteristics of the main landing gear obtained
from the damping test were considered to be acceptable. The
orifice size was found to be the optimum for lightly loaded
and fully extended gear positions.

The equivalent linear damping (Ceq) requirements were exceeded
according to test results, for all cases except for amplitudes
higher than 1.3 inches at the fully extended and 1"' off bottom-
ing spring positions, and 1.5-inch axnplitide at the 8.6-inch
strut closure position,. The reason for these exceptions is the
cavitation effect for which there is very little that can be
done that would result'in a significant improvement above that
already accomplished, apart from increasing strut charge press-
ures.

Results for one inflated tire were obtained and a decrease in
damping was required.

By comparing results obtained using table displacement with
those of strut movement at a point in the mid-range of the test,
it was concluded that the contributions of tire damping to the
total Ceq value is about 50 lb. sec./in. Thus the majority of
damping,, in all cases, is due to the orifice in the strut.

Friction affects the gear by delaying the strut oscillation
at small tire amplitudes but after break-out of the strut the
effect of friction is to cause a peak in damping coefficient.
This effect is reduced after tire amplitudes-of approximately
.5 inches.
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The effect of changing tire pressures could be seen from the
graphical results. The Cec increases significantly when the
tire pressures are increased from 94 psi to 134 psi. The
reason for this is that increasing the tire pressure increases
the tire stiffness. As predicted in the analysis prior to
testing, the tire stiffness has a great influence on the damp-
ing characteristics of the gear and the higher the stiffness,
the higher the Ceq.

The main reason that the initial Ceq measurements with tires
at 94 psi were too low is that the tire stiffness was approxi-
mately 25% lower than predicted.

Drop Tests. The following series of tests were performed on
the main landing gear. Since the test unit was a flying
article, no testing beyond limit conditions was permitted.

Leakage Test. The shock strut was fully serviced and mounted
in the upright position in the drop test tower. The piston
tube was then cycled six times over 9.0 inches from the
fully extended position. There was no evidence of leakage
during or at the end of the test. The excursion of the piston
was smooth and free from chattering or binding.

Static Airspring Curve. The isothermal pressure of the air
chamber was measured over the entire piston travel, with the
gear installed in the drop test tower. The actual airspring
curve is superimposed on the predicted curve in Figure 46.

Drp2 Testing. A summary of drop tests and test conditions that
were performed is given in Table 21. In the three cases that
sli.Thtly exceeded the specification requirements, the vertical
loads in combination with the drag loads did not prove to be

¢ritic•' design condition.

TABLE 21. SUMMARY OF DROP TESTS AND TEST CONDITIONS -

MAIN GEAR

TEST WEIGHT Vv VH LANDING LIMIT VERT LOAD
NO. FPS KNOTS ATTITUDE Spec Test

Req't Result
1 BSDGW 12 60 LEVEL 3 PT 58,350 65,500
2 DAGW 8 60 LEVEL 3 PT 61,000 58,700
3 BSDGW 12 0 LEVEL 3 PT 58,350 57,300
4 D'ýGW 8 0 LEVEL 3 PT 61,000 49,500
5 D.SDGW 12 40 200 NOSE UP 68,100 72,000
6 DAGW 8 40 200 NOSE UP 73,100 61,750
7 BSDGW 12 0 201. NOSE UP 68,100 74,000
8 DAGW 8 0 206 NOSE UP 73,100 58,500
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Nose Landing Gear - Qualification TestinQ.

The following series of tests were performed on the nose land-
ing gear. Since the test unit was a flying article no drop
testing beyond limit conditions was permitted. During the
steering testing functional tests were performed for a limited
number of cycles to give a reasonable confidence level in the
design.

Leakage Test. The shock strut was fully serviced and mounted
in the upright positicn in the drop test tower. The piston
tube was then cycled six times over 6.5 inchea from the
fully extended position. There was no evidence of leakage
during or at the end of the test. The excursion of the piston
was smooth and free from chattering or binding.

Static Air Spring Curve. The fully serviced shock strut was
mounted in upright position in the drop test tower. The piston
was compressed incrementally from zero stroke to fully com-
pressed and the shock strut load was measured at each increment.
The actual airspring curve is superimposed on the predicted
curve in Figure 47.

SteerinQ Tests. The following tests were carried out with the
Nose Gear installed in the drop test carriage.

a. With the strut deflated and the axle supported in the
static stroke position by a low friction rotary table (no
external load applied), the steering unit was operated
clockwise and counter-clockwise for 100 full-stroke steer-
ing cycles. Supply pressure was allowed to build up to
3000 PSIG at the end of each excursion.

b. Additional cycles under load were conducted as described
below.

Minimum Steering Pressure. With the strut fully serviced,
tires installed and the weight over the gear adjusted to
collapse the strut to it's "static" position, the minimum
pressure required to maintain motion (near stall) of the
scrubbing tires was measured with the following results:
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00 wheel position - 500 PSIG; 450 wheel position - 1500 PSIG.
The steering unit was operated for approximately 50 such
cycles between 450 left steer and 450 right steer position.

Steering Rate. With the strut deflated, dummy wheel connected
to hydraulic loading cylinders generating a constant resisting
torque of 92,000 lb-in, and the piston collapsed in the static
stroke position (axle supported on low friction rotary table),
tha steering rate was measured through the zero degree position
u.-der 3000 PSIG system pressure at the steering actuator in
both directions: Clockwise - 10°/sec, Counter-clockwise -
90 /sec.

The total excursion for this test was limited to + 350 by the
bottoming of the loading cylinders.

Steerina Angle. With the strut deflated, wheels and tires re-
worked, and the piston held in the static stroke position,
maximum steering angle was measured with 3000 PSIG supplied on
the steering actuator with the following results:

a. Clockwise - 79.10

b. Counter-clockwise - 810

Castoring. The castoring angle was verified with the gear
outside the tower by rotating the piston withthe steering
system and both air chambers depressurized, and the wheels
clear of the ground. The castoring angle was found to be 3600
clockwise and counter-clockwise.

Centering Time. The centering capabilities of the cams back-
driving through the steering system was verified. The gear,
with tires included,,was installed in a static position at a
steering angle of 300 right. The carriage was lifted and the
self-centering response time was measured. The test was re-
peated from steering angle 300 left. The centering times were
recorded as follows:

a. From 300 right, 9.4 seconds.

b. From 300 left, 8.4 seconds.

DrOd Testina. A sumnary of drop tests and test conditions that
were performed is given in Table 22.
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TABLE 22. SUMMARY OF DROP TESTS AND TEST CONDITIONS - NOSE GEAR

TEST WEIGHT Vv VHT LANDING LIMIT VERT. LOAD
NO. FPS KNOTS ATTITUDE spec. test

reQ't result
-r

1 BSDGW 12 60 LEVEL 3-Pt 38,400 59,500

2 DAGW 8 60 LEVEL 3-Pt 52,800 42,750

3 BSDGW 12 0 LEVEL 3-Pt 38,400 47,750

4 DAGW 8 0 LEVEL 3-Pt 52,800 45,250

5 BSDGW 12 40 150 NOSE DOWN 96,600 78,500

6 DAGW 8 40 150 NOSE DOWN 70,100 59,250

7 BSGDW 12 0 150 NOSE DOWN 96,600 71,500

8 DAGW 8 0 150 NOSE DOWN 70,100 61,250

In tests 1 and 3 where the specification requirements were
exceeded, it was found that these loads were not design condi-

tions. The design condition is the obstruction case which

has a VA-55,700 combined with a DA-27,850 at fully extended

position. It was therefore accepted with no further develop-
ment to the shock strut.
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2.8 AIRCRW SYSTEMS

2.8.1 Crew Seats

A pilot/copilot seat spacing study identified a seat
centerline position of 22 inches on either side of the aircraft
centerline as optimum for functional reach overlap and
ingress/egress area. This is two inches greater than the
maximum seat-to-seat centerline spacing allowed by MIL-STD-
1333.

Detail requirements for prototype crew seats were reviewed
to determine the extent to which anthropometric accomodation,
crash survivability, and armor should be furnished or provided.
Several combinations of seat buckets and frames were con-
sidered and were discussed at the System Requirements Review
in March 1973. Based on cost, weight, availability and per-
formance, it appeared that a seat of the UTTAS design type
would be the most satisfactory. Consideration was given to
the joint Army-Navy (ARA) seat, which appeared to provide
less crash survivability than required by TR 71-22, as an
alternative. There is no requirement for an armored seat in
the prototype but space provisions were allowed to avoid
necessity of redesign for production. A fiberglass bucket
design with 19.8" seat width was started in the event that the
selected seat has only armored buckets available. Since the
mounts for the fiberglass bucket would match those for the
armored seat bucket, the cost of the seat base should not be
affected.

A briefing on crew seat alternatives was conducted at AVSCOM
on 10 April 1973. Crash-survivable armored UTTAS seats were
selected for the prototype. The installation design included
provisions for extended tracks to facilitate ingress/egress.

2.8.2 Crew Vision Studv

In an effort to determine helicopter vision requirements by
an analytical approach, Boeing Vertol conducted the following
study.

First, the flight tasks listed on the information/action
analysis sheets which required human vision to accomplish
were listed. Then, each of the tasks were correlated with
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the mission segments in which they took place. The flight
control tasks then were listed under each mission phase in
which they occurred, and columns were allocated (designated
left, right, upand down) in which selected subjects were
asked to note their subjective interpretation of the vision
requirements (in degrees) necessary to accomplish the function.
Seven subjects participated in this study. The survey results
were analyzed and the data plotted in rectilinear form using
a color coded system of plotting. The color code was based
on the priority defined for each visual area.

The top priority vision requirement areas were overlayed on a
MIL-STD-8505B vision plot (helicopter). Figure 48 shows
them prioritized by both mission segment and functional
utilization. The area from 30 degrees to 60 degrees outboard
and 20 degrees to 30 degrees down comes out as a prime vision
area for hover. it was concluded that vertical posts should
be kept out of this area.

As a result of the external vision requirements analysis, the
windshield corner post location was moved forward to the
30-degree azimuth, thereby improving downward forward vision.
In addition, the browline windshiel, d frame was raised to
improve upward vision. These changes permitted the use of
flat windshield glass instead of curved glass, which not
only reduced glint:, but also resulted in an ultimate cost
avoidance in production due to simpler windshield fabrication
and a less complex washer/wiper scheme.

2.8.3 Fligrht Engineer Station

A Human Factors crew workload analysis indicated that a flight
engineer is not necessary for the production HLH, because
there are no flight tasks which cannot be handled by the
pilot, copilot and load controlling crewman. In order to sub-
-stantiate thp analysis during prototype flight test, it was
decided that the flight engineer would be located in'a forward-
facing centerline position just aft of the pilot and copilot.
Thi's would permit sharing of the pilot/copilot controls and
displays, thereby eliminating the requirement for a separate
flight engineer's console. This is the most cost effective
approach.
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2.8.4 Crew Compartment Mockup

During September 1973, the crew compartment mockup was
completed for an internal Boeing Vertol review. A significant
number of change/study requests were generated at the in-
house review. Many of these changes were incorporated for
the customer mockup review. The review was conducted on
October 25-26, 1973 by 48 representatives of the following
organizations:

HLH PMO USAOTEA USATECOM USAECCM
USAAMRDL USAASTA USAAVSCOM USAMC
OCRD USATSCH USAARL UTTAS PMO
USABV-PA USATRADOC Log Center 'USAhEL (APG)
USAAAVS NAVAISYSCOM 355th Avn. Co. Allison

Of the 205 change requests submitted,, 52 were approved for
inIcorporation into prototype and 60 were disapproved. Eleven
were approved for study on the prototype, 4 for study on
production, and 10 recommended for incorporation in production.
There were 64 duplications and 4 withdrawals.

Approved prototype changes were incorporated into the
engineering drawings for the prototype.

Completion of the mockup review marked the successful accom-
plishment of the contractual milestone. Mockup minutes were
submitted by Boeing Vertol letter 8-5100-17-9 dated 16
November 1973, and approved by AVSCOM letter 0840-737L dated
2 January 1974.

The final instrument panel arrangement is shown in Figure 51.
Overhead panels and consoles are shown in Figure 52.
The LCC station is shown in Figure 53.
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Figure 49. Crew station mockup.
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Figure 52A. Cockpit overhead panels.
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fture 52B. Cockpit canted and center consoleg.
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2.8.5 Crew Station Vibration Isolation

Dynamic Antiresonant Vibration Isolators (DAVIs) (Figure 54)
were installed in the crew support platform shake test rig.
Testing was accomplished in the vertical, lateral, and longi-
tudinal excitation modes, both isolated and unisolated, with
both ballast and actual crew members. A local lateral res-
onance of the instrument console was observed and eliminated
by the addition of stiffeners to the console structure along
with additional fasteners to the crew support platform.
Vertical 4/rev vibration transmissibility was reduced to a
spread of 15% to 25%, (i.e., isolation of 75% to 85%) at this
frequency (10.4 Hz).

The test revealed an unacceptable amplification of 3/rev
frequencies (7.8 Hz) by the DAVI units. The effect of addi-
tional bar mass on detuning the resonant frequency was
investigated. A DAVI modification to reduce the 3/rev
amplification was defined and modification was being imple-
mented at program termination.

The test culminated in a demonstration of mixed frequency
vertical vibration inputs representative of the anticipated
HLH prototype vibration environment and was completed
4 April 1975.
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2.8.6 ACOUSTICS

2.8.6.1 External Noise

The PIDS specifies that the external noise of the aircraft
during ground running or in hover (10-foot wheel height) at
design gross weight shall not exceed that specified in Table
I of MIL-A-8806A as shown in Figure 55. The predicted HLH
prototype aircraft external noise shown in Figure 55 includes
all noise components of the aircraft; rotor rotational and
vortex noise, engine noise, and transmission noise. The pre-
diction is based on the latest results from the HLH/ATC
improved noise prediction programs.

Rotational noise was estimated using the HLH/ATC modified
"Heron" computerized programs. Broadband or vortex noise was
estimated using the HLH/ATC improved :broadband noise pre-
diction. The engine noise estimate is that predicted by
Allison for the HLH engines with the inlet noise becoming
the critical component at 4000 HZ (Figure55). Transmission
noise was predicted using the HLH/ATC!-developed dynamic
analysis (Ref. Report T301-10190-1).

2.8.6.2 Internal Noise

The PIDS specifies that the noise levels within the cockpit
during the HL9 mission flight profile (design groas weight)
shall not exceed the limits described in Tables I, 11, and
IV of MIL-A-8806A. The most critical of these is Table IV
(Cruise Power), shown in Figure.56. This table sets the
acoustic%-l design of the aircraftlsince the allowable noise
limits of Tables I and 1i are much higher in comparison with
Table IV than the increase in noise at the higher pover
settings8 of Tabloas I and II.

The crew oqo ar~tnt noise etate shown in Figure56
contains -
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The sound transmission loss test evaluates the panel for use
as a sound barrier between the noise source (rotor transmiss-
ion, etc.) and the crew, and the sound absorption test
evaluates the panel for use as an interior lining to absorb
noise within the crew compartment. Both qualities are required
in an acoustical panel to provide an acceptable environment
which meets the HLH Internal Noise Specification MIL-A-8806A.
The five honeycomb panels evaluated are defined in Table 23.

Figure 58 shows the sound transmission loss result of the
two best panels, #4 and #5. Also shown is a comparison with
the CH-47 type suft fiberglass blanket.

Figure 59 shows the sound absorption results of these same
two panels, #4 and #5. These panels exceeded or came quite
close to meeting the established goal of 0.6 or 60% acoustical
energy absorbed above 1000 Hz. Panels #1 and #2 also had
similar satisfactory results, while panel #4 fell far below
0.6 at frequencies above 1000 Hz.

A noise reduction comparison of the panels based on treatment
weight was made before selection of the final configuration.
Four configurations are compared in Table 24.

Table 24 shows the results of this comparison for the three
critical rotor transmission noise frequencies (lower planetary
mesh fundamental 1450 Hz, lower planetary mesh second har-
monic 2900 Hz, and input spiral bevel mesh fundamental 5000
Hz) By combining the sound transmission loss and sound
absorption qualities of the panel configurations, the result-
ant noise reduction of the treatment can be obtained. The
amount of noise reduction also delends on the minimum sound
leakage that can be obtained with each configuration. The
CH-47 type soft blankets, used as a comparison only, would
weigh only 150 pounds but are less serviceable and cannot pro-
vide the noise reduction required to meet MIL-A-8806A due to
higher sound leakage. Two epoxy panels, #1 and #2, come very
close to providing the reduction required by MIL-A-8806A and
have good serviceability but cost 450 pounds of treatment
weight. The lighter weight rigidized-vinyl panels, #3 and #4,
cost 300 pounds, but also fall short of the required reduct-
ion. However, the third epoxy panel, #5, combined with the best
light-weight rigidized vinyl panel, #4, provides the highest
noise reduction for 300 pounds of treatment. Because this
configuration meets the reduction required by MIL-A-8806A and
is within the current weight allowance for acoustical mater-
ials, it was selected as the best configuration.

163



00 c 0 0 40 in
mr 0 0 a q.

P-4in N N q -

F~*4 Ln
C4 Ln

*,1 r4

00

.4:)

~ U 114 *4 14 .01-

0 pq 40 4 .04 01 f0e

K4) 41:1. ., -
0441".4 A 48 N N s-

-r4 .14
Vt-I 10-4 P4 0

000, 1 1g-A 4 - 00

.N0 04 CM)

1 44 4 44 *

N~r- '- 4 q-

-al- f* 04 r- 4

164



2 1 00 2$ 00 10

i2 is !a 2o

- 1-

50 40 460

0-t

0 - /

20- PREDICTED " --

"* 2 RANGEFOR ;"

PANELS H47 YP

iC -- - - - -,"- -I ." a amp
BLANKET
LEADED V MYL
AND FIBERGLASS

0 ~BATTIN

93. so ~ sm 1" 4000 80000

OCTAVE BAND CENTER FREQUENCY (Hz)

REVERBERATION - ANECHOIC ROOM'FACILITY

O---O. S PLY P0LYIWAOE RACE.L S PLY PB3WG*4 ACING
0--- S8PLY POLYIMI fACE. A)21ALCLAD OING
A,----A '6 PLY SOLID FIBERGLASS BOTH SIDES

Figure 5 7. Acoustilcstruclural wady m sund transmissin loss.
38 x 38-inch pamcl&

As.

--- - -



2 5 100 2 5 1000 2 5 10000

, " - • -

i2 i10 l* i 1 1 is/ I I

1.0 - - - - CH47 TYPE
1.0 INCH FIBERGLASS
BATTING BLANKET

2 -

'•0 ,--. .. .. -- ,,-v:

I: t I i 1\ I A E

0.2

0.6 -tD

,ROUS j
.,-SOLID

S", "FIBERGLASS
------ PANEL

I." 1 a- - - - - to" - 4so

OCTAVE BAND CENTER FRE(UENCY (Hz)

REVERBERATION ROOM METHOD

O--- -O4 LY PQLYIMIDE fACE, 1",LY FIBERGLAft BACKING

gra5 58. Acouufl"C" utud - sound absorption,* 8x3-ndjttb



10 a O 5 1000 2 5

I IQ 14i

OCAV BAATTIE ;REU NG BLANKEREVERBRATIONANECHO CH4 TYP FC IT

0- .... • CH-7 TYPE 0-LBFT -LNE LEA V-NYL" FIBIERGLASSBTTN

4.

01

EPOXY, TUNED.,,
"HONEYCOMB

PPANEL 

TT

RIGID VINYL, - -

TUNED lION FYCOMB

Ol tI I t I I I

1 21.9 6 i n 15 -m 100 am 4000~ ow
OCTAVE BAND CENTER FREQUENCY - Ha

REVERIERATION ANUCHOIC RCOM FACILITYI
* .. * CH-47 TYPE 0.5 LB/FT2 1BLANKET LEAD VINYL & F'ISRGLABB BATTING

EPOXY. TUNED HONEYCOMB PANEL 1.1 LB/FT2 CVE1WiAV APEASI
A- --- 6RIGID VINYL, TUINED HONqEYCOMB PANEL 0.7 LB/FT2 SID0WALLS

Figure 59. Acousticlstrluctural stu~y -sound transmioopi loss,

38, x 38-Inch panels.

A67



00

0

10

14 0 r-4

14 ~ c~ (41 .4 I

IdI

I 0

In 4I
C4 b. 0



The untreated noise level peaks at the 4000 Hz octave band
due to the rotor transmission spiral bevel input gear mesh
frequency. Consequently, this frequency determines the
acoustical treatment of the interior.

To comply with the PIDS specification, a program to achieve
an effective noise reduction of 50 dB in the 4000 Hz octave
band was established.

2.8.6.3 Acoustical Panels

The acoustical treatment for the crew compartment consists
of a rotor transmission enclosure to act as a sound barrier
and crew compartment sidewall and bulkhead lining to provide
for sound absorption. On the CH-47, this treatment consisted
of soft easily-damaged fiberglass batting blankets. Recently,
under Boeing Vertol IR&D funding, an evaluation of porous
fiberglass (polyimide) acoustical honeycomb panels was comple-
ted. These durable panels, which are much more serviceable
than the soft blankets, can be acoustically tuned to provide
the equivalent sound transmission loss and sound absorption
qualities shown in Figures 57 and 58.

Testing wac conducted to define the sound absorption and
transmission loss qualities of the following panels:

Porous-epoxy, dual-frequency, honeycomb panel tuned for
maximum sound absorption at 1500 and 5000 Hz (primary
noise frequencies of HLH forward rotor transmission).

Porous-epoxy, single-frequency, honeycomb panel tuned
for maximum sound absorption at 2500 Hz.

Rigidized-vinyl, honeycomb panel tuned for maximum
sound absorption at 2000 Hz.

Rigidized-vinyl, honeycomb panel tuned for maximum
sound absorption at 4000 Hz.
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The epoxy-faced panels are the most serviceable but the
heaviest of all panels tested. Therefore, further testing
was conducted to determine if a lighter-weight epoxy panel
can be designed for side wall treatment which is acoustically
equal to the best rigidized-vinyl panel.

The fiberglass with epoxy resin test panels initially had a
10-ply porous face surface and a 7-ply impervious backing
which could be peeled off one ply at a time. The number of plies
on both surfaces was continually reduced, from 10 to 4 on
the porous face and 7 to 2 on the impervious back, between
acoustical testing. Although various panel configurations
were evaluated, the three panels (6, 7, 8): most significant
are defined in Table 25. Panel 6 was selected for the HLH
prototype overhead areas and panel 9 for the side walls.
Panel 9 is identical to the previously tested panel 4 but
with only a single-ply backing in order to minimize weight.
Figures 60, 61, and 62 show the sound transmission loss
and sound absorption results of the selected panels compared
with CH-47 type soft fiberglass blankets.

A noise reduction comparison which combines the transmission
loss and sound absorption of the panels based on treatment
weight is shown in Table 26.

The results indicated that reducing the number of plies of
the epoxy panels to reduce the weight below the weight allow-
ance of 300 pounds also decreased the acoustical qualities
to a level unacceptable for the crew compartment. However,
the combination of an epoxy overhead panel (#6) with good
acoustical and limited structural qualities, and a light-
weight rigidized vinyl panel (#9) provides the required noise
reduction for the minimum weight.
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2.8.6.4 Window Thickness

A test to acoustically determine the crew compartment window
thickness was conducted. External noise sources such as rotor,
transmission, engine,and boundary layer, if not sufficiently
attenuated through the structure and windows, can become the
dominating factor in setting the noise level of the crew com-
partment. It was therefore necessary to measure the sound
transmission loss of various thicknesses of plexiglas and de-
termine their critical frequencies. The critical frequency is
the point at which the wave length of the incident sound wave
coincides with the wave length of the bending wave of the
panel, and a maximum amount of acoustical energy is transferred
to the panel. At this frequency, the sound transmission loss
of the panel drops substantially.

Three different thicknesses of plexiglass (1/8, 1/4, and 1/2
inches) were tested for sound transmission loss properties.
Figures 63 through 65 illustrate the measured 1/3 octave
band values compared with the predicted values, and identify
their critical frequencies.

Figure 66 illustrates all three thicknesses compared with
the pre-established test objective, on a full octave ba-d
basis. Based on these data, a decision was made to use 3/16-
inch thickness.

2.8.6.5 Leakage

To provide an acoustic environment which complies with MIL-A-
8806A, a 30 dB noise reduction in the crew compartment is
required. To obtain 30 dB noise reduction, 40 dB sound
transmission loss barriers with only 0.1% sound leakage will
be required. This necessitates a well-sealed, tight-fitted
acoustic panel installation. Because sound leakage is a
critical factor in providing 30 dB noise reduction, an acous-
tical test of the joint/seals and access openings of the
proposed 40dB sound barriers was conducted. Various types
of acoustic rubber and foam seals were evaluated. Results
of the test indicated that as long as the seal material was
of a soft consistency, the particular material used was less
important than 'the snugness of fit in meeting the 30 dB noise
reduction criterial. All the materials tested resulted in
noise reductions above 30 dB (4000 Hz octave band) as shown in
Figure 67.

2.8.6.6 Trn•a!isison Noise

The major noiso-producing component, which determines the
acoustical treatment of the crew compartment, is the forward
rotor transmission. The critical frequency band, or the one
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which requires the largest noise reduction, is 4000 Hz. The
noise control items that are to be used in achieving a reduct-
ion in transmission noise to a level below the MIL-A-8806A
level specification are as follows:

Rotor Transmission Dynamic Analysis

The improved dynamic analysis that was developed during the
HLH/ATC program (Ref. HLH/ATC Test Report T301-10190-1) to
reduce the dynamic response of gears and shafts for minimum
noise generation was applied to the HLH transmission.

Using a computer model of the HLH forward transmission, para-
metric studies were conducted to optimize the dynamic response
of the gear shafts for minimum noise. As the dynamic analysis
indicated that the baseline configuration did not exhibit
any critical frequencies on, or very near, the gear mesh
frequencies, considerable effort was required to find a
modification which made a significant improvement. Of 15
configurations analyzed, only four configurations appeared
to have improved dynamic responses, and two of those config-
urations were overruled by the strength requirements, as the
modifications reduced the wall thickness of the pinion gear 6

shaft.

Results from predi.cted noise level of the HLH forward trans-
mission indicated that the transmission shafts should be de-
signed for minimum dyna0rlc response to the input bevel mesh
frequency (4925 Hz) while not unduly compromising the response
to the sun mesh frequency (1436 Hz). An example of this is the
input bevel shaft alternate confi,-uration- with added material
shown by the shaded areas in Figure 68. The reduction in the
dynamic response of this shaft as modified, compared to the
baseline configuration, minimizes the noise generated by the
rotor transmission. The predicted noise reduction due to these
modifications is 5 dB at the su'n frequency (1436 Hz).

A stationary ring gear modification was also defined, which
also could result in an additional noise reduction of 7 dB
at the bevel frequency.

Rotor Transmission Case Coating

The application of a vibration damping compound to the trans-
mission case is predicted to reduce the radiated noise an
additional 10 dB at 4000 HU, as shown in Figure 69. This
prediction was based on the results of the ATC evaluation of
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transmission noise attenuation materialis program documented
in the HLH/ATC Test Report T301-10176-1. Although the actual
noise reduction achieved with a damping compound will depend
on the content of resonant and forced vibrations of the case,
the 10 dB prediction does not seem unreasonable considering
that all of the materials laboratory tested during the program
achieved from 10 - 20 dB of, reduction in noise and 15 - 25 dB
in vibration at the highest resonant frequency reported of
4100 Hz.

Whether or not case coating will be required depends upon the
actual noise measured during the aft transmission closed
loop bench test. Case coating was not evaluated during the
transmission test program.

Rotor Transmission Enclosure

To provide the remaining noise reduction required in meeting
MIL-A-8806A, a 30 dB noise reduction acoustic barrier is nec-
essary as shown in Figure 69. The efficiency of an acoustic
barrier is determined by a sound transmission loss (TL) lab-
oratory evaluation. However, once a material is instal-led in
the field, the noise reduction achieved will frequently fall
short of its TL rating, due to the numerous flanking paths
through which the sound waves can circumvent the barrier wall.
The most common are sound leaks in seams, perimeter joints,
and access doors. As shown in Figure 70 a small leak can
seriously jeopardize the acoustical performance of a good
barrier.

In the CH-47 type aircrafts, the acoustical treatment consisted
of soft and loosely-fitted fiberglass blankets. Although
their sound transmission loss (TL) rating was excellen~t for
their weights, the actual maximum noise reduction achieved
was only 20 dB due to the inability to cover more than 99%
of the surface area. The Model 347 transmiss ion treatment
had acoustically tuned positive fitting honeycomb panels
combined with soft blanket. in achieving a 25 dB noise reduc-
tion. The HLH crew compartmentf, consisting of all overlapped
tuned honeycomb panels and improved acoustic sealsshould
provide for a 99.9% coverage and 30 dB of noise reduction.
Reductions of 35 dB were consistently achieved in the
Acoustical Laboratory with similar panels arnd seals..
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2.9 PROPULSION SYSTEM

2.9.1 Air Vehicle/En-gine Interface

Interface Control Document S301-l0026 established and defined
procedures, interface areas, and data exchange requirements
for a joint air vehicle/engine interface program to identify
and resolve problems unique to engine/airframe installations
and to initiate design support tests and analysis, as
necessary, prior to engine and/or airframe final design and
test. It was approved in its entirety by DDA and Boeing
Vertol.

Initially, 157 (90 DDA and 67 Boeing Vertol) interface
items were identified as a result of a number of coordination
meetings and telecons between Boeing Vertol and DDA personnel.

In addition to the interface definition items, 22 interface
items were identified in the XT701-AD-700 Engine Model
Specification 844 that require resolution. Examples of these
items are: starter location and size, bleed port number and
location, windmilling capability, noise, level, accuracy of
torque sensor systen, and engine misalignment allowances.

Throughout the program, items were added and resolved. A
total of 186interface items were identified and resolved.

2.9.2 Propulsion System Analyses

Analyses of the engine inlet and exhaust systems, engine
compartment cooling, engine control, and fuel and pneumatic
systems were conducted. -

A trade study of the exhaust system resulted in a straight
exhaust and ejector arrangement, rather than the turned-in
exhaust which ejected parallel to the direction of flight,
as previously shown. The straight exhaus1 arrangement has
lower risk because it provides more predictable ejector
performance (and therefore, more predictable temperature
distribution), it is more simple (and therefore, costs less
to manufacture), it reduces the IR signature, doeection raLnge
of the aircraft by 10%, an4 it has a negligible offect
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on download and drag. Compartment cooling analyses based on
this arrangement have resulted in an exhaust ejector with a
29-inch primary diameter and a 33-inch secondary diameter.
Ejector flow was determined adequate to meet engine manu-
facturer's specified operating temperature limits throughout
the operating envelope. Analyaes of compartment temperatures
during soakback were conducted.

Engine compartment cooling analyses resulted in preliminary
operating temperature predictions for intermediate power
(cooling flow 4.0 lb/sec), very low power - 100% NII
(cooling flow 1.1 lb/sec)° anA soakback (zero cooling flow).
Temperatures are predicted t.. e well below PIDS limits for
all of these conditions, baseu on compartment layouts and
engine temperature data current at the time of the analyses.
Figure 71 presents the predicted operating temperatures.

In order to proceed with the design of the air induction
system components, it was necessary to establish the loads
on the system components. Structural loads have been defined
for the induction system considering normal engine operation
at high power (intermediate povir), engine failed at 160
knots, and an engine surge at high power. The data presented
in Table 27 are for each of the above operating conditions
at those stations in the induction system. The stations
considered are the inlet duct (primarily the center engine),
the plenum, and the engine inlet bellmouth at the engine
flange. Normal operation is characterized by pressure loss
and low static pressure in the high velocity flow at engine
inlet while pressurization of the inlet by ram at zero flow
characterizes operation with the engine shut down.

Surge overpressure predictions are based upon empirical cor-
relation of turbojet and turbofan test data and benefits
from analysis performed for the Boeing SST. In addition,
the configuration was reviewed by NASA personnel relative to
current testing and analysis at the Lewis facility. The
overpressure equation is:

P= K P M 1.26

where K is a function of compressor pressure ratio and bypass
ratio (zero for the case considered) and M is the local Mach
number prior to engine aurge. For this analysis, a high
power surge wee considered with a pressure ratio of 12:1
resulting in a value of 2 for K. The awdi= averpressure
is observed at the engine inlet flange where flow arda is a
minimum and hence veloaity is a meAxwm.

The short length of the bellmouth section minimizes weight
penalty associated with designing for this extrme condition.
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TABLE 27. DUCT PRESSURES

FUSELAGE PLENUM ENGINE
INLET INLET
(Doi) (psi) (psi)

1. Overpressure as a result
of engine surge (assuming 2.1 2.1 12.9
P/Pc - 12)

2. overpresRure caused with
engine shut down at 160 0.6 0.6 0.6
knots

3. Normal operation at inter-
mediate power S.L. static, -0.1 -0.1 -1.4
std. day

The PIDS required a fuel filter in the airframe portion of
the fuel system. The fuel systems performance was therefore
evaluated to determine capability under boost pump off con-
ditions. The curve, Figure 72 , shows altitude capability
as a function of fuel temperature and aircraft attitude. This
curve illustrates the affect of a 2 psi line loss due to a
dirty fuel filter (bypassed). These results led to the
deletion of the airframm filter from the prototype aircraft.
The analysis was based upon meeting the requirements of
engine PIDS 844A paragraph 3.29.1.2, and assumes 3100-2900 lb/
hr fuel flow depending on altitude and minimum usable fuel.
Head loss together with line and fitting losses are considered.
After a review of this data, AVSCOK agreed to deletion of the
filter.

2.9.3 Naelle and naine Inatallation

Early stqdies of the nacelle resulted in the plenum type air
induction system in place of the curved duct shown in the
proposal configure•ion ( Figuze ).

The location of outboard engines was changed by moving them
rearward and outward along the driveshaft centerline by'
11.037 IWO. ... týsr n wo tk•en tQkx 'e oqve diLcgitLriui-
ties in peUrm atteraft struotr vh*iL ensuring adiquate
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separation between engine belimouth and induction system
plenum wall to promote distortion-free engine airflow. Dyna-
mic analysis of the engine/drive system revealed essentially
no change in critical speeds. This was achieved by maintain-
ing the original length of the first shaft section (next to
the engine) and accommodating the change in the center shaft
section. The mass of the drive system shafting supported by
the angine remains unchanged and therefore engine dynamic
response was not affected. The final nacelle configuration is
shown in Figure 73 and 74

The center engine inlet was changed toasimplified duct and
plenum arrangement, compared to the previous laterally offset
curved duct arrangement.

An exhaust/cooling ejector design was developed which was
common to all three engine installations. Final cooling
analyses indicated that improvement was required to maintain
structure temperatures below 1800F. In order to all~eviate
this situation, the exaust system outlet areas were reduced
by a total of one inch on the diameter which provided the
necessary space to add thermal blankets on both the engine
tailpipe and ejector for all three engines.

The performance penalties associated with this change were
as follows:

Power loss at intermediate power - 12 shp/engine-
equival.ent loss of hover capability OEI IGE approxi-
mately 132 pounds.

Increased specific fuel consumption at 4000 hp -

.0007 lb/hp/hr.

Increased mission fuel - approximately 16.8 pounds.

An engine combustion drain problem was identified. In the
event of an engine false st-art, the fuel would not collect and
drain from the combustion chamber but would run out the aft
end of the engine into the fuselage thus creating a fire
hazard. Since there was no simple modification to the engine
to eliminate this discrepancy, the tail pipe was modified to
provide a definite draining point. A collector was added to
the ejector and appropriate drain lines were attached from this
collector to drain the excess fuel overboard. Although this
does not provide the required combustion drain, it eliminates
the immediate problem of a potential fire hazard.
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Engine mount vibration isolators were not incorporated in the
prototype design. However, in case testing indicated a need
for isolators, preliminary design was accomplished, a proposal
was obtained from Barry Corpoidtion for the isolators, and
space provisions were allowed in the mount design for later
installation.

A simulated #1 engine air induction system was fabricated by
Kaman and tested by DDA. During the test program, various
modifications were made to the nacelle plenum configuration
to minimize the possibility of foreign object damage (FOD).
Examination of the test data indicated that very low distortion
levels were experienced with the incorporation of the POD modi-
fications, therefore thsse changes were incorporated into the
design of the prototype HIMH.

2.9.4 Fuel System

The fuel system schematic is shown in Figure 75.

Two main tanks are installed in each stub wing. Both gravity
and pressure fueling are provided. The pressure fueling
adapter is located in the right-hand stub wing. Single-point
defueling can be accomplished through this adapter.

Each fuel cell is vented independently. Float-operated vent
valves with relief capability are provided in each cell to
preclude spillage from severe attitude changes. A roll-over
anti-spill vent valve is also provided in the vent line. The
lines are sized to relieve 75 GPM4 of fuel in the event of
pressure fueling shut-off valve failure in the open position.
The vent line terminates through the lower surface of the stub
wing between the front and rear spars.

All fuel cells are gaged with conventional capacitor-type
transistorized systems. Cockpit displays provide a contin-
uous indication of available fuel in each tank and a digital
readout of total available fuel.
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Figure 75. Fuel system schematic.
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The prototype is provided with a positive pressure fuel feed
system. The feed system is designed to make all the fuel
available, under pressure, to any engine or combination of
engines in the event of a boost pump or electrical bus failure.

On August 16, 1974 the fuel cell was prepared for crash impact
testing at the Firestone Test Facility, South Gate, California.
The cell was filled with 5,025 pounds of water which is
equivalent to the weight of 773 gallons of JP4. It was then
raised to an elevation of 65 feet where it would be allowed
to free fall to the ground. The drop created a fuel cell
velocity of 65 feet per second at impact. To meet ASRD
requirements, no leakage after impact was permitted. The
release mechanism was activated, and the fuel cell successfully
completed the test (Figure 76).

During the final testing phase of the crashworthy fuel cell
anti-spill rollover vent valve, it was determined that the
maximum rate of fuel flow through the unit was 40 gallons per
minute; however, the specification requirement for this valve
(301-89203) is 75 GPM based on a system malfunction clring
pressure fueling. These units were returned to the vendor
(Hydraulic Research Products Company) for modification.
Retesting of modified units produced satisfactory results.

2.9.5 Emergency Equipment

The ASRD specifies a fire and smoke detection system for each
engine compartment. Data was submitted to the customer
request .ng a change from smoke detection to over-temperature
detection based on past Boeing experience. This deviation
was accepted, but with a continuous-loop-type detection system
in lieu of spot thermal detectors.

Due to the volumetric similarity between the LH nacelle and
the Boeing 727 nacelle, it was determuined that the Boeing 727
system components could be utilized. This system utilizes two
large bottles instead of four, with solenoid valves to provide
the dual-shot capability to each engine compartment.

Taking advantage of the large quantity production on the 727
system permits a saving of approximately $1,000/aircraft.
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A study of areas that have combustible fluids with a possible
ignition source, revealed five areas that could be considered
serious enough for added fire protection. These were!

a. Aft Transmission Area
b. Forward Transmission Area
c. Electronics Bay Area
d. Rotor Brake Area
e. Rotor Brake Reservoir Area

Installation of firo dete-tion and extinguishing systems in
these areas was authorized.

Testing at the DSTR confirmed that optical detectors are
sensitive to the light spectrum emitted by the rotor brak-e
during its operation. Based on this data, the supplemental
fire detection system was designed for the incorporation of
both optical and heat type sensors in the area of the combin-
ing transmission.

2.10 ELECTRICAL SYSTEMS

2.10.1 Power Management System

A Systems Requirement Review was held on 20 March 1973. An
interface meeting with DDA was held on 23 March 1973 to review
power-plant-mounted engine power control actuator types and
required airframe interface control signals.

The torquemeter/hydraulic servo system selected provides
integrated actuators within the engine's hydromechanical
fuel control with an electrical interface with the airframe.
This is a departure from current practice where airframe
supplied electrical/mechanical actuators were connected to
engine controls by levers and rods. Advantages include reduced
weight and increased reliability due tc simplicity, and the
development and qualification of the actuator system in the
engine environment. Figure 77 shows the D.C.-powered torquemotor
and fuel servo.

The airframe condition lever output signal and collective
stick position output interface signal format is as shown
in Figure 78.
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FRgure 78. Power management actuator airfi•me Interface schematic.
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This selection of actuator and signF. format coupled with the
actuators supplied by DDA should result in higher reliability,
reduced complexity of actuator drive electronic control cir-
cuitry, and reduced cost. Open circuit wiring will result in
engine power output increase under these fault conditions
rather than decrease in engine power output. In addition,
with these actuators engine supplied, during the necessary
engine development and qualification testing, the actuators
will be subjected to real world engine environmental conditions,
thus minimizing any unforeseen interface problems which could
materially affect the pre-flight system checkout or prolong
the flight test program.

Transient analysis of the torsional characteristics of the
engines, rotors, and drive train using the digital computer
simulation developed by Detroit Diesel Allison was conducted.
Large disturbances caused by aircraft maneuvers and collective
pitch inputs were investigated with the system exhibiting
responsive, well-damped reactions. Typical responses to rotor
power decays from cruise to low power, such as experienced
during rapid pitch-up maneuvers with no collective input,
are illustrated in Figure 79 . The transients describe the
satisfactory system response to large, rapid inputs with
less than a 4.5% rotor speed overshoot for the 1.0-second
maximum to minimum power variation shown. During maneuvers
which include collective pitch inputs, the rotor speed devia-
tions are considerably less because of the load anticipation
feature of the control system.

An analysis of the condition lever system in support of the
engine quadrant design was completed. The original linear
quadrant-to-engine schedule, when combined with the engine
controls and performance, produced a significant dead band
which was especially apparent during rotor start-up. This
non-linearity, resulting in no control input effectiveness
for more than 60% of the lever travel, is described in
Figure 80. Reshaping of the electrical signal output from
the quadrant condition lever by nonlinearizing the trans-
ducer characteristic h7A led to the improved lever-to-engine
power relationship sh ,•n in the figure.
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The analytical investigation of the power turbine overspeed
protection sy3tem demonstrated that under no realistic condi-
tions will 115% rotor speed be exceeded with engine power
being applied. Therefore, the overspeed switchtrip setting
was revised from 110% to 118% rotor speed which will preclude
inadventent simultaneous shutdown of three engines. Studies
of other schemes for providing required protection, including
a cutback to minimum flow rather than shutdown and various
logical interlocks, were conducted. The system for providing
power turbine overspebd protection was finalized through
coordination with Detroit Diesel Allison and completion of
analytical investigations. It was concluded that the system
configuration which results in engine shutdown following
a power turbine overspsed is the best overall solution with the
least potential risk. To eliminate the possibility of simul-
taneous three-engine shutdown while maintaininq adequate
turbine protection, the overspaed trip setting was raised to
121% power turbine speed. A recr*mmendationh as been made to
check the systenh using the engine control test set at normal
maintenance intervals. It is not necessary to have a daily
check procedure since three malfunctions must occur before
flight safety is appreciably affected: a power turbine out-
put drive shaft or clutch must fail; the overspeed protection
system must be inoperative; and the third stage turbine blades
must fail to shed prior to reaching disc burst speed and there-
fore prevent containment of the resulting failure.

The dynamic simulation was used in the study of engine con-
trol system failure modes to assist in both transaent and
steady-state analysis of possible failures. An example is
illustrated in Figure 81 wherein the power management control
(PMC% signal to engine #1 fails to maximum on a cold day
(-65 F) at 118,000 pounds gross weight, 100 knots. This
causes an immediate uptrim to that engine uhich begins to
pick up power. The other two engines initially follow the
power increase, since the load sharing system functions to
match the highest engine. However, rotor speed begins
increasing, the proportional governors accordingly decrease
power, and the speed settles to about 104.5%. The cold day
condition maximizes the speed error because large negative
trims are required on cold days at a steady state, and there-
fore, the normal engines saturate their downtrim capability
quickly. The PMC trim for these engines goes to zero, since
the load sharing positive trim caused by the failure is
counteracted by the governed negative trim caused by high
rotor speed. Pilot corrective action may be taken by dis-
abling the engine electronic control (EEC) and/or reducing the
condition lever of the high power engine. The effectiveness
of the gain selection and limited-authority concept is demon-
strated by this analysis with a relatively minor transient re-
sulting from a significant control malfunction.
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A detailed nonlinear dynamic model of the lag damper was
developed for use in torsional stability analyses of the
rotor drive system. This computer program was joined with a
simplified engine-cc'ntrol-rotor simulation to provide a
preliminary evaluation of the effect of the lag damper and
electronic control compensation on power train stability and
to provide verification of the large-scale computer simula-
tion being revised at Detroit Diesel Allison.

Results from the analysis demonstrated that the system will
have a tendency to dither especially at low oil temperatures
because of the low effective dampingj at low force levels
inherent in the current design. A small perturbation tran-
sient is illustrated on Figure 82, for a cold day at high
power, 1000% rotor speed, three engines operating. As shown,
stability can be improved by increasing the damper leakage.
This modification was recommended.

The program has shown the effectiveness of the notch filter
compensation in the engine electronic control power turbine
speed loop toward providing stable, rapid transient response.
Additional effort is proceeding to verify results through
correlation with the DDA program to optimize the compen-
sation considering all operating conditions.

Dynamic analysis continued using a simplified engine/dr ive/
rotor system digital computer simulation in conjunction with
a detailed lag damper model. Based on this analysis, specific
revisions to the lag damper specification have been effected,
resulting in improved drive train stability in the low velo-
city regime. Flow requirements including suitable tolerances
were established by considering cold day operation with 2 and
3 engines on-line. Concurrent analysis at DDA incorporating
the large-scale digital simulation has verified these
conclusions.

Correlation efforts between the DDA and Boeing dynamic models
has demonstrated relatively similar response, with the
Boeing Vertol deck exhibiting somewhat less damping.

Dynamic. analysis of the engine control rotor drive sy~stem
resulted in the optimization of engine control parameters
to provide suitable torsional stability characteristics.
The method of analysis utilized a linearized system model
capable of developing power turbine speed loop frequency
response for determining the quantitative degree of stability.
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Figure 82. System response to load change.

210



The frequency response of the nominal system at standard day,
high power conditions as given in Figure 83, clearly demon-
strates the need for improvement. The basic system exhibits
a gain greater than 0 dB at a phase shift of 1800 and is there-
fore unstable. In order to proviC~e stabilization while main-
taining good response, a notch-filter type of control compen.-
sation (with an anti-resonance at 30 rad/sec) was selected.
This compensation reduces the gain in the area of resonance
and thereby improves stability as shown in Figure 83. The
response characteristics indicate good stability with the
gain margin increased to 11 dB and the phase margin to 700.
For comparison, the transient response of the same system is
given in Figure 84 and shows good control with minimal speed
deviation and tendency to oscillate.

cold day conditions have been shown to reduce stability by
lowering the effective damping of the lag dampers. However,
adequate stability margin is present with the selected com-
pensation.

Development of the model used in dynamic analysis of the
engine-control-rotor drive system led to refinements in the
drive train representation which have some impact on the
system response. Correlation with recently available engine
test data is underway which may affect engine parameters also
used in the analytical model. In order to optimize stability
and response, minor revisions to the stabilizing compensation
located in the engine electronic control may be required.

Testing was completed using the DSTR to substantiate dynamic
analysis and determine rotor/drive train natural frequency.
These tests included closed loop operation with reduced
engine electronic control stabilizing compensation and sev-
eral values of notch filter compensation.

Correlation of the overall drive system simulation with this
data has led to significant refinements in the drive train
model, especially, in reducing the nominal effective spring
rate of the lag dampers. Analysis is continuing both at
Detroit Diesel Allison and Boeing Vertol to incorporate
these results into the prototype similations and optimize
the engine control compensation. Preliminary conclusions
indicate the necessity to revise the notch filter design
frequency to a lower value to provide an adequate stability

* margin throughout the range of operation.

A review of the DDA power management system EMI/RFI testa
accomplished at Elite Electronic Engineering Company, Chicago,
Illinois, was conducted and the results approved.
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2.10.2 Main Electrical Generation and Distribution Systenl

Initial vendor liaison meetings were held with four generator
manufacturers (Bendix, Lear Siegler, Lucas, and Westinghouse)
to define HLH requirements for use of oil-cooled 60/90 KVA
12,003 rpm main generator3 (weight reduction and improved
reliability).

Eight alternate candidate distribution systems (four without
APU generator, folir witb ATV gen=r;ton.), were revised for
safety, reliability, vulnerability, weight, and cost. The
systems selected are shown in Figure 85 without APU generator
and Figure 86 with APU generator.

A preliminary electrical load analysis was conducted. Maximum
15-minute load is approximately 23 KVA. 60/90 KVA generators
will be installed on the HLH prototype.

The Systems Requirements Review was held on 20 March 1973.

Procurement Specification S301-10058 for a 12,000 rpm oil-
cooled 60/90 KVA AC generator was prepared and released for
supplier proposals and negotiations.

The following source control drawings were prepared and re-
leased for supplier proposals and negotiations:

301-70103 Contactor, 3PDT, 50 amp 115/100-volt 400 Rz
$3 AC bus

301-70104 Contactor, 3PDT, Center-Off Double-Break;
225 amp 115/200-volt AC, 400 Hz Main Line
and Cross Tie

301-70106 Circuit Breaker, 100 amp, 3-phase Toggle

AC Bus Tie

301-70107 Circuit Breaker, 150 amp, Toggle DC Bus Tie

A circuit breaker coordination study was conducted to deter-
mine the characteristics of the AC bus tie, AC distribution
circuit breaker, and generator fault-clearing capacity.
From this, it was determined that a 100 amp magnetic-
operation circuit breaker of Heinneman AM 1000 series with
a Type 2 trip curve would provide the necessary fault-
clearing coordination characteristics.
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GEN APU EXTERNAL GEN
NO. 1 GEN GROUND NO. 2

POWER
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L-0

NO. 3 JAC BUS

"* ALL WIRING SHOWN IS 3 PHASE

"* ALL CONTACTORS EXCEPT NO. 3 BUS CONTACTOR ARE

CENTER-OFF CONFIGURATION

Figure 85. Selected AC generation and distribution system without APU.
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Ibm 86. SeiecteJ AC generation system with APJ.
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Selection of components for the DC system were completed.
All components except the reverse current cutout and DC cross
tie circuit breakers were standard MS items.

Preliminary layouts of the AC distribution box, DC distribu-
tion box, and AC -DC ground power receptacles were completed.

The DC system was simplified from the configuration shown in
Figure 87 to the configuration shown in Figure 88. A
29W reduction in component weight with a reduction of 35% com-
ponent cost was achieved with improved system reliability.
The DC ground power receptacle was deleted since DC power can
be obtained via the transformer rectifier units when AC
ground power is connected.

Suppliers were selected for th. engine and tranamiRRion
triple tape indicators, the engine radiation type fire detect-
ion system, and the engine continuous loop overheat detection
system (Gull Instruments, Pyrotector, and Fenwall, respectively).
Source control drawings for the rotor rpm indicator and rotor
rpm zero speed sensor were prepared and released. Electrical
schematics were prepared and released.

The Critical Design Review for the AC generator was held at
Boeing Vertol on 25 February through 28 February 1974 with
Lucas and AVSCOM personnel in attendance.

The generator cooling oil scavenge pump rating was increased
from 160% of nominal flow to 200%, with potential growth to
300%. The scavenge pump drive system is now direct from the
generator rotor rather than having the speed reduced through helix
gears. Increased reliability and maintainability should
result due to this change.

Fatigue cracking around the bolt holes in the mounting flange
of the main generator occurred during vibration testing at
Lucas Aerospace Ltd., Bradford, England. Reinforcing 'iebu
have been welded around the flange to stiffen the generator
body and flange. The web fix on the generators successfully
passed vibration testing. All generators were delivered with
machined webs. The quill shafts were machined and air-.
craft units were delivered with the proper shaft installed.
The main generator endurance testing was conducted.

Vibration testing of the generator control units was completed
on 12 December 1974. The test results were reviewed and
approved. The resonant sweep data was reviewed and dwell
frequencies selected. During the dwell testing of the gen-
erator, an anti-drive end bearing retaining screw sheared.

217



gg D

- I-

'a' 7 CIS,

P 00

0

at z

IA.

9U u

Ifjj

217



law

-JJ

0 0 -0

c~ U.

T 
4Ab

A c P1 L3
IL LU0

Wct U

2192



Four generators held at Boeing for the aircraft and the forward
transmission test stand were returned for rework.

2.10.3 'Flight Controls Electrical Generation and Distribution
System

The initial vendor liaison meeting with four generator manu-
facturers was held to define requirements for 28 VDC 1kw air-
cooled generators. The System Requirement Review was held
on 20 March 1973.

Procurement Specification S301-10059 for a 12,000 rpm air-
cooled 0.5/0.75kw DC generator was prepared and released for
supplier proposals and negotiations. Lucas was selected to
provide the generator.

Source Control Drawing 301-70102, Contactor, 50 amp, 28 Volt,
DC Flight Control System Changeover,was prepared and released
for supplier proposals and negotiations.

As part of the DELS actuator configuration trade study,
candidate generation and distribution systems were developed
and analyzed for the DELS driver actuator configuration.

with the selection of DELS driver actuator system, the gen-
eration and distribution system was revised to the config-
uration shown in Figure 89. This system allows the deletion
of one flight control system generator, one ground checkout
and emergency in-flight power transformer rectifier unit, one
distribution box, and the deletion of one circuit breaker
from the remaining distribution boxes. The distribution-box
layout drawing was revised to reflect this change.

The generator and distribution system, Figure go, was revised
to add battery power supplies and provide for diodes in lieu
of contactors. Simplification is accomplished with the diodes,
and the batteries provide for safe shutdown in the event ground
power should not be available.

The Critical Design Review for the flight control generator
was held at the Lucas facility 22-26 May 1974 and design
go-ahead was granted.

All flight control generation and distribution wiring diagrams
and bundle assmably drawings were completed and released for
manufacturing.
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During the vibration resonant sweep tests of the flight
control system generators at the Lucas Bradford, England,
facility, a failure of a stud-mounted tantalum capacitor
occurred. The failure occurred at the weld of the stud to
capacitor case. A revised mounting installation is in prep-
aration to correct this deficiency. The four generators
previously delivered to Boeing were returned to Lucas for
rework. Vibration testing was completed with satisfactory
results in March 1975.

Reworking generators to correct capacitor failure was accomp-
lished and units were shipped. Three units were rejected and
returned to the supplier. The supplier shipped three re-
placement units, with arrival in July 1975.

2.10.4 Electrical Subsystems

Requirements were generated for two candidate engine and
transmission cockpit indication systems; a triple nonidentical
vertical scale indicator with self-contained conditioning
electronics, and a triple identical vertical scale indicator
with remote conditioning electronics.

These requirements were submitted to the following potential
suppliers for budgetary cost and weight characteristics:

Electro Development Corporation
General Electric
Gull Instruments
Hartmen Systems Division
Simmonds Precision Products

Quotations received from the suppliers revealed no conclusive
cost or weight savings advantages between the two systems.
Accordingly, the instrument system procurement specification
and source control drawing was written for nonidentical
triple vertical-scale indicators with self-contained
electronics.

Suppliers were selected for all purchased components.
The Critical Design Review for the engine and transmission
vertical scale indicators was held at the Gu~ll Airborne Instru-
ment, inc., facility on 15 April 1974 and design go-ahead
granted.
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Procurement Specification S301-10062 and Source Control
Drawing 301-70101 for the engine control quadrant were
released and supplier proposals were obtained. Sargent
Industries was selected to supply the quadrant (Figure 91).

The control quadrant successfully completed safety of flight
testing, including a full vibration qLalification (single
article). The test article successfully completed the full
ATP after testing and was delivered as the flight spare.

Design of the work platform control system was started during
the final quarter of the program. Delivery of the caution
system was completed and delivery of the engine transm,.ssion
indicators was started.
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2. 11 COMMUNICATIONS/NAVIGATION SYSTEMS

A Systems Requirement Review meeting between Boeing and the Army
was held on 20 March 1973 to review and define changes to the
PIDS document and GFE list. A preliminary comm/nav config-
uration was established.

During the second quarter of 1973, preliminary schematics
for the UHF, VOR, radar altimeter, interphone, and compass
systems were completed. Investigation revealed that the
UTTAS interphone function box may be utilized for the proto-
type HLH. Preliminary layouts of the communications/navi-
gation electronic compartments (right and left sides) were
completed. The right-hand electronics shelving layout was
completed.

The electronics compartments were relocated fore and aft of
Station 236 bulkhead, right- and left-hand side. During the
mockup review the Army recommended a fold-down work platform
installed in front of the forward L.H. side electronics
compartment in order to reach and perform the necessary
maintenance on the electronics equipment, or alternatively,
to relocate the equipment. To keep cost and weight to a
minimum, a decision was made to delete the compartment and
reconfigure the remaining electronic compartments to permit
installation of the equipment that was removed from the
deleted electronics compartment. This resulted in redesign
of the shelf details and equipment installation layouts
previously completed and released.

The sideslip sensors were mounted in a vertical position
with the sensor pressure tube attachments facing downward.
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All comm/nav schematics diagrams were completed and released.

UHF/FM and VHF/FM wire bundle assembly drawings were completed
and released.

A review of the comm/nav antennas was conducted to verify
that the previously selected locations were satisfactory.
The review concluded that the existing locations, as shown
in Figure 8, are suitable with minor relocation to accom-
modate the structural design.

The UHF/VHF and radar altimeter installation drawings were
released on schedule.

All comm/nav wire bundles and wiring diagrams were released
on schedule. The attitude indicator wiring diagram and bundle
assembly drawing will be revised to agree with the new require-
ment for the ARU-18 attitude indicator.

All antenna and electronic compartment equipment installation
drawings were completed and released on schedule.

The antenna installation drawing was completed for
narrower cone angle antennas. This modification will reduce
the probability of the altimeter locking on the external
load when conducting cargo handling operations with long
cables.

2.12 HYDRAULIC SYSTEM

2.12.1 Utility and Flight Control System

Preliminary descriptions of subsystem/equipment items were
sent to vendors and the resultant proposals were
re,!iewed. Flight control system component location layouts
were prepared, Design specifications on the flight
control hydraulic pump and rotor break control package
were released. The flight control hydraulic system schematic
was revised to reflect the swashplate actuator arrangement
changes. The system consists of two independent transmission-
driven hydraulic systems at each rotor swashplate with each
system powering one channel of the three dual swashplate
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actuators and one channel of the three triple driver actua-
tors. The third driver actuator channels for both rotors
are powered by an independent AC-electric-motor-driven hydrau-
lic system. Each of the two mechanically driven hydraulic
systems at the forward rotor is connected to each of the aft
rotor systems through isolation valves and interconnecting
piping normally unpressurized in flight. Upon failure of any
of the mechanically driven pumps, the corresponding isolation
valves are opened permitting the failed system to be powered
from the other rotor system.

Final specifications for the wheel brake and rotor brake
control systems, as well as the flight control hydraulic
system SCDS, were released. Preliminary layouts for the
third channel driver power supply, rotor brake supply, and
fill module locations were completed. Actuator planning
layouts were completed in support of the integrated flight
control actuator envelope studies.

Updated schematic diagrams of the flight control system
(301-50001) and the utility system (301-50002) are shown
in Figures 92 and 93.

The update on 301-50001 showed inpegrated
swashplate actuators, moved presoure transmitters downstream
of accumulators, rerouted bypass return lines through the oil
cooler, changed manifolded valve assemblies on interconnect
lines to individual valves, removed pressure reducers in driver
actuator lines, added brake-by-wire system alternate supply
from interconnect lines, added check valve in 3rd channel
system return line, removed runaround circuit from intercon-
nect pressure valves, added ground power supply lockout
valve in valve packs, and added two relief valves around aft
interconnect return valves. These changes resulted primarily
from further safety, reliability, and operational study
iterations.

Updating of 301-50002 consisted of revising brake-by-wire
system to show tie-in to System 1 and System 2 interconnect
lines. Nose gear steering system shown is powered by
Systenm No. I forward only.
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Revision A of the "brake-by-wire system" SCD was released.
This revision added an alternate hydraulic power system for
emergency operation, while eliminating the limited accumulator
storage emergency power system. This required associated
valve and wiring changes. At the same time, an optional
accumuiator parking mode was incorporated to allow blocking
the return lines, thereby simplifying the system and reducing
weight. The original system fed accumulator storage pressure
directly into the brake valves.

The brake system changes resulted in a weight saving by
reduction in the plumbing and accumulator size while pro-
viding unlimited alternate braking capability.

Tube material and sizes, as well as fitting material, was
selected as shown in Takle 28.

TABLE 28. BRAKE SYSTEM MATERIALS

FITTINGS TUBE WALL THICKNESS

SIZES PRESS. RET

(TUBE OD) PRESS. RET CRES 21-6-9 AL 6061-T6
I (BMS 7-185) (MIL-T-7081)

1/4 AL AL .020 .035

3/8 AL AL .02n .035

1/2 AL (MALE) AL .02F .035
S (FEMALE)

5/8 S AL .033 .035

3/4 S AT, .039 .035 j

1 S AL .052 .042

1B -114 ss AL....- " " "
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Analysis of the No. 3 control r'aannel system (reference
Figure 92) shows the need for an oil cooler assembly. This
requirement has been transmitted to the supplier who will
incorporate the cooler into the package.

Ground test connections will also be added to this system
to limit motor/pump operating time during initial system
checkout.

Vendor proposals on the rotor brake package and the third
channel driver package were received and evaluated. Suppliers
have been selected for all major systems and components.
They are:

Pumps - Abex, Oxnard, California

Reservoirs - Arkwin, Westburg, New York

Flight Control Module - AiResearch, Torrance,
California

3rd Channel Control - Rexnord, Painesville, Ohio
Actuator Power Supply

Rotor Brake Power Supply - Rexnord, Painesville, Ohio

Brake-By-Wire - Sundstrand, Rockford,
Illinois

The initial operation of the rotor brake pack was witnessed
at Rexnord by AVLABS and Boeing Vertol Engineering repre-
sentatives. Initial tests of the relief valve revealed a
chatter condition which was corrected. System temperature
during a 10-minute continuous run was satisfactory. No
instrumentation was installed at that time, but the techni-
cians present estimated the temperatures to be approximately
1600F.

All planned testing was completed on the rotor brake pack
and on the No. 3 system and shipment of these components
was made to Boeing Vertol.
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2.12.2 Integrated Flight Control Module

At Boeing Vertol request, several suppliers began investiga-
ting the possibility of supplying an integrated flight con-
trol package consisting of all major components (valves,
filters, reservoir, oil cooler) except the pump. By integra-
ting these four major equipments into one unit, it is expected
that a more reliable, more compact, and lighter weight instal-
lation can be achieved. It appears that the cost of this
package is competitive with the multiple component package
concept.

A decision was made based on cost, weight, and complexity
to proceed with the integrated package concept. This package
contains all filters, valves, and the cooler assembly for the
main flight control systems. The pump, reservoir, and accum-
ulator are mounted separately. Three vendors sent in pro-
posals: AiResearch, Western Hydraulics, and United Aircraft
Products. After evaluation, AiResearch was selected and the
design of flight control package is proceeding on schedule.
Two PDRs have been held to resolve interface, component, and
mounting problems. A new SCD, 301-50150, for the package
was prepared.

A re-analysis of the stall flutter damping mode showed a
higher heat load into the hydraulic system than had previously
been predicted. The increase from 825 to 1125 BTU/min
required the cooler fan speed to be increased from 10,000
rpm to 12,000 rpm. This still within the safe operating
speed of the fan. The predicted cooler outlet oil temperature
increased from 190 0 F to 225 0 F during high-speed level flight
at high gross weight and a compartment temperature of 135*F.
The only hardware change was resizing of the fan flow con-
trol valve orifices.

As a result, overtemperature lights were installed in the
cockpit and added to thAe master caution system. These lights
were added as development instrumentation in the prototype
aircraft.

Development testing of the flight control module in conjunc-
tion with the transmission-driven pump and the reservoir was
started in September 1974. The purpose of this test was to
evaluate the effects of stall flutter damping as well as
normal pilot command on the operation of the system, and to
evaluate the cooler periormance at the higher heat loads.

Initial testing was witnessed by engineering representatives
from Eustis Directorate, AVSCOM, and Boeing Vertol during
the week of September 9, 1974.
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Preliminaryf temperature data indicated that the cooler was
very near the predicted values; that is, at 135*F ambient
and 1125 BTU/min, the oil outlet temperature was 222 0 F. The
oil outlet temperature to inlet air temperature ratio is
nearly two, so at an ambient of 100 0F, we would~ expect an
outlet temperature of approximately 1870F. This is an
acceptable condition for the prototype, but a higher capacity
cooler would be desirable for production if the predictions
prove accurate.

Simulation of the stall flutter mode during initial tests
appeared satisfactory.

The flight control module failed in vibration test. The
failures were in the mounting feet and their support struc-
ture. The configuration of the unit is such that in the fore-
and-aft or lateral directions, the mass of the high- and low-
pressure manifolds creates a high bending load on the struc-
tu re.

The original design was a 3-point mounting. After the second
failure, a fourth mounting point was added. This configura-
tion failed also. The unit was repaired and another test was
conducted utilizing vibration isol _..rs. This was successful;
however, the unit failed again whe.. subjected to the required
2g test without isolators.

At a meeting held at Boeing on December 11 and 12, 1974, the
decision was made to continue with the isolator testing. A
new structure was modified to accept the isolators with-
in the existing envelope.

This modification will reduce the overall height and the
resultant bending loads for the non-isolated test. Material
thickness was increased in the critical areas to further
reduce stress.

This appears to be the' most desirable solution for the pro-
totype aircraft; however, repackaging will be considered for
follow-on aircraft.

The flight control module successfully passed l~gr vibration
testing with isolators and the req~uired 2g test without
isolators after the modification described above.

The unit was then installed in the endurance test setup for
a 100-hour test. The duty cycle was set to include 90
hours of simulated maximum stall flutter damping input. The
flow rate was cycled over a delta 12 gpm, at a rate of 10.4 Hz.
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After 67 hours of testing, a fatique crack appeared in the
heat exchanger return end cap weld. The unit was modified
to improve the fatique resistance in the weld area. Analysis
by AiResearch shows the resulting stress level to be well
within the endurance limit.

The test was resumed under the same conditions and at 71.5
hours there was another failure of the heat exchanger. This
failure was a separation of the bottom support member of the
heat exchanger core. The exact cause of the failure could not
be determined without destroying the unit; however, it
appeared that the braze in that area was unsatisfactory. The
result of this separation was a lack of support of the
hydraulic fluid flow tube which expanded and cracked.

In order to confirm the integrity of the basic design of the
heat exchanger, the lower 3 flow tubes were scaled and the
100-hour test was completed.

A meeting was held at Boeing Vertol on 9 May 1975 to review
the heat exchanger failures and determine a course of action
for the prototype aircraft. Representatives from USA Eustis
Directorate, AVSCOM, AiResearch, and Boeing Vertol were in
attendance.

Stress analysis showed that the heat exchanger had infinite
life under the pressure impulses to which it was exposed.
The initial damage, therefore, must have occurred during
the early vibration testing, before the isolators were
installed.

This conclusion was verified by sectioning the unit after
completion of the 100-hour test. Fatique damage was evident
at the corners where the high vibratory loads would occur.
There was no fat.que damage in the center portion of the core.
Ductile fracture failure occurred in the fins adjacent to
the fatigue-damaged pins.

The sequence of failure was: (1) some supporting pins failed
during vibration testing, (2) the pressure impulses then
completed the fracture of partially damaged fins until,
(3) a sufficient number were broken to increase the stress
to the tensile failure point.

The conclusion was reached. that the unit is acceptable for
the prototype aircraft with the isolator mounts. Vibration
level will be monitored by roving accelerometers.
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As an added precaution, the outer oil flow tube on the top
and bottom of the unit will be welded close to give addi-
tiond). strength to the unit. This will have no appreciable
effec.t on oil temperature.

2.13.3 Brake-By-Wire System

Sundstrand experienced a vibration failure of the brake pedal
transducer and the accumulator pressure gage and fitting on
the hydraulic package. The transducer failure was in a threaded
aluminum rod -hat attaches the sliding core to the external slid-
ing core case member. The rod material was changed to steel.'

The failure of the accumulator gauge and fitting appeared to
be the result of a defective clamp that attaches the accumu-
lator to the manifold. This allowed high accelerations at
the fitting and gage.

The fitting material will be changed from aluminum to steel
and redesigned to give greater support to the gage.

If the problem recurs on the aircraft, the accumulator will
be removed from the package and will be mounted separately.
The failure would not affect braking capability; only the
parking brake would be lost.

Performance testing of the brake system was conducted with
satisfactory results.

The hydraulic controller was subjected to a vibration re-scan
with higher torque on the accumulator clamps and the new air
side fitting. There were no significant changes in the
resonant frequencies, however, the amplitudes were reduced
nearly one-half. No further testing was performed.

One of four transducers failed electrically after 8 hours and
10 minutes of a 9-hour vibration test. The failure was con-
sidered an isolated failure and was accepted because three
units passed the full vibration test.

This failure was an "open" coil failure which would result
in a zero voltage input to the servo valve. Should this
failure occur on the aircraft, the result would be a 50%
brake pressu~re application on one wheel at touchdown and
closure of the ground contact switch.
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This failure mode was introduced because of the unavailability
of a small quantity of the proper pedal transducer, and would
be eliminated on a production version of the system.

Although this failure mode is considered remote, Boeing Vertol
and Sundstrand Engineering have arrived at a tentative means of
including this failure mode in the existing brake fault
indicating system. Pilot action would be to pull the circuit
breaker and land with no brakes.

2.13 PNEUMATIC SYSTEM

The initial pneumatic system consisted of the engine starting
system and power to the cargo handling system signal con-
ductor reel. In order to minimize costs of the prototype
program, the APU was omitted, the cargo hoists were not
powered, and the environmental control system was replaced
with a combustion-type cabin heater. During the program,
it was decided to make the hoists operable by adding tLe
cargo hoist pneumatic ducting, and to install an environ-
mental control system.

2.13.1 Main Engine Starting

The main engine starting system for the HLH consists of an air
turbine starter on each engine and associated ducting and
valves. The pneumatic supply is drawn from one of three
sources: (1) onboard auxiliary power unit (when installed);
(2) pneumatic grounJ cart; and (3) cross bleed from main
engines.

Past efforts directed toward sizing of the main engine
starters were based upon the 501-M62 Model Specification
(No. 830) and later the XT701-AD-700 Prime Item Development
Specification (No. 844). These specifications required a
minimum starter power of approximately 33 horsepower. Testing
of the 501-M62B DSTR XT engines indicated that higher starter
power was required due to the stall margin in the start region
being less tha& ý)redi (ted. The solution for the DSTR was to
substitute a high-pr. ssure nitrogen cart for the gas turbine
cart previously identified. It was expected that the compres-
sor rig testing scheduled as part of the XT701 flight engine
development program would permit complete solution of the
starting problem by means of compressor varible vane schedule
changes and other modifications.

Interim testing of a 501-M62B engine modified to include
features of the XT701 engine, and incorporating revised
compressor vane schedules derived on the compressor rig,
showed that despite a significant improvement in compressor
characteristics, start power requirements remained high,
especially when consideration was given to fuel schedule
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tolerances and extreme climatic considerations. This has
been partially attributed to the locking of the power turbine
during Lhe start, which would be typical of HLH operations.

Boeing requested that DDA provide their best estimate of
starter torque requirements. These were needed to facili-
tate selection of suitable starters and hence sizing of an
HLH secondary power system and auxiliary power unit. The
DDA estimate was provided by interface memorandum (DDA-053,
dated 14 February) and required a starter power of approxi-
mately 100 horsepower at cut-out speed. Examination of
available test data led Boeing to conclude that the curve pro-
vided could be overly conservative and hence it should not
be allowed to drive secondary power system weight and cost
without further discussion. Subsequent discussion led toward
a compromise/risk curve that appeared to be compatible with
the available starting data, and in Boeing's opinion, repre-
sented minimal risk. The compromise curve approximates a
70-horsepower starter with peak power at starter cut-out
speed.

Subsequently, Boeing issued a RFP for an environmental control
unit together with the overall secondary power system and APU.
This RFP included the Boeing compromise starting torque
requirement and also defined a deteriorated A/M32A-60A ground
cart. The responses to this RFP included a number of starters
sized to meet the HLH requirement, assuming various levels of
pneumatic source capability. Figure 94 illustrates starter
capability when coupled with the ground cart,which may be
considered as the lowest quality pneumatic source. The lower
curves show starter flow as a function of inlet pressure as
defined by the starter turbine nozzle. The upper curves show
the corresponding output torque capability of the starter
at 4000 rpm starter speed (approximates cut-out speed).

AI-o showr are the pressure flow characteristics of a Speci-
*i..atior, /M32A-60A ground cart and a deteriorated cart with
corrections for flexible hose and HLH duct losses included.
ue specification cart is based upon the requirements imposed

on the current cart manufacturer (Hol-Gar Manufacturing
Corporation) while the deteriorated cart was biased towards
the current USAF T.O. (35C-3-372-13) for this cart. The lat-
ter would appear to be unrealistic, based upon more favorable
degradation experience with the GTCP85-180 APU installed in
the cart and ot xer installations.
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Figure 94 shows three starters that meet the 90-pound-feet
requirement defined in the Boeing RPP when coupled with the
deteriorated cart (Note: the points are shown just below the
corresponding line due to a slight deficiency in starter air
inlet temperature). Of these, the ATS100-594 is an inefficient
unit with excessive flow requirements relative to consideration
of an onboard APU. The ATS-100-P-602 is derived from the
existing ATS100-294 starter (used on P3B's T56 engines) by
introducing the turbine wheel from a comme4ccial JT8-D starter
and minor modifications to the output drive. The Sundstrand
unit is a modification of a cartridge/pneumatic starter uti-
lizing a turbine wheel derived from the HLH hoist system. The
ATS100-397 starter (a further ATS100-294 derivative) as
previously designated for the HLH is shown for reference. It
is shown to be,at best, marginal.

It may be seen that significant margin is available with the
Sundstrand and ATSl00-P-602 units when consideration is given
to a specification cart, especially when allowance is given
to typical new cart characteristics where perhaps two points
of additional pressure ratio are available, equivalent to
approximately 15 pound -feet of torque.

Based upon these starter characteristics and previous dis-
cussions, Boeing prepared an interface memorandum requesting
DDA concurrence with the Boeing proposed curve. This is
currently under consideration by DDA subject to results of
current engine starting tests. In order to facilitate a
quantitative evaluation of these recent tests, the starter
u3ed will be calibrated by AiResearch to allow determination
of actual torque used. It is concluded that the compromise
curve is viable for HLH protytype operations, and that
starters matched to available ground carts and/or an onboard
APU can be identified.

The ATS100-P-602 AiResearch starter and the AiResearch starter
regulator valve 392200 were determined to be satisfactory
for starting the XT701-AD-700 engine and were procured by
AVSCOM.

An engine start test with the starter, start valve, bleed
valves, engine-mounted bleed start ducting, and the start
cart was conducted. Figure 95 shows the test setup that
was utilized to conduct these tests. The pneumatic test
equipment was assembled by Boeing Vertol. Its purpose is to
provide a connection for the ground cart, provide a valve
for start or bleed operation, and provide an orifice to
simulate the pneumatic system flow. In operation with the
test equipment valve "closed" and the engine bleed valve
"closed", the engine would be started utilizing the ground
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cart, the start valve, ýnd the starter. As soon as the
engine is started, the start cart is tuirned "off" (a check
valve in the nipple will prevent backflow). The test
equipment valve is then opened and air flows out through the
orifice. Pressure and temperature taps provided data for
flow measurement and pressure loss of the engine-mounted

* ducting. In addition to start and bleed data, information
was obtained on the expansion of the bleed/start ducting
during engine operation and on vibration of the ducting.

The engine-mounted aircraft pneumatic system, which in•y1udes
the bleed manifold starting air ducting, starter,and i-soc-
iated valving, was installed on Engine S/N 8 at DDA.
Figuztes 96 and 97 show this installation. The Boeing
Ver-al design ducting installation was completely compatible
with the ending interface. This system was then subjected
to a static shaker vibration test to determine its response
to low-frequency range excitation. Approximately 50 points
(some are indicated by the number on Figures 96 and 97
were probed.

The vibration test data on the Boeing Vertol bleed start mani-
fold mounted on S/N 8 at DDA was delivered and re-
viewed. The first flight bleed start manifold delivered to
Boeing Vertol was checked on the first YT701-AD-700 flight
engine. Installation was made easily and fit wt. excellent.

2.13.2 Engine Mounted Ducting System

The XT701-AD-700 PPFRT engine is designed to provide "customer
bleed" simultaneously from two diametrically opposite ports
at the tenth stage of the engine compressor. A schematic and
assembly design (Figure 98 ) shows the manifold and components
as an integral part of the YT701-AD-700 engine. During
conversations with AVSCOM, AMCPM-HLH-T, and AMRDL, it was
proposed that the design and installation of the bleed/start
engine-mounted manifold system ba accomplished by Detroit
Diesel Allison. Therefore, Boeing Vertol submitted a proposal
for the deletion from the HLH Contract of the requirements
to design, fabricate, and install the bleed and start manifold
and associated valves. At the Preliminary Mockup Review of
the XT701-AD-700 engine on 18 May 1973 at DOA, DDA agreed to
submit a similar proposal to add the noted bleed/start mani-
folds and associated componen'ts to the engine.

The design and installation responsibility for the engine-
mounted bleed/start systea" was given to Boeing Vertol. A
bleed/start system design for the prototype engine was drawn
up and a cardboard mockup was made. The mockup was taken to
Allison for fit ty, A few minor changes were required, and
upon completiog the revised design a hard mcrkuip (SK-301-52655)
using valve components, bellows, etc. Jwas fabricated for
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installation on the XT701 mockup engine. (See Figure 99 )
Installation was accomplished on 28 September 1973 at the
Allison facility in Indianapolis.

The manifold mockup fitted without any major physical problems.
However, the two bleed ports on the engine were sized for
2.50" I.D. which caused Allison to go to a standard flange
sized for a 2.75" O.D. tube. Boeing Vertol's ducting is
2.50" O.D. This requires a special flange and elbow, to be
designed and manufactured by Boeing Vertol, to accept the
transition from 2.50" 0. 'D. tube flange to a 2.75" O.D. tube
flaxige. Since the machining of the engine flanges are under-

PP way, it has been agreed (Boeing Vertol IFM 037) that no
changes would be made on the prototype engines and that the
bleed flange interface for any production engine would be
reviewed prior to release. A dynamic analysis of the assembly
has been initiated to determine the amount and location of
duct support required.

In order to confirm that the engine-mounted bleed/start duct
system was satisfactory, the hard -mockup of the system was
installed on the XT701-AD-700 mockup engine at the formal
mockup review (at DDA) on 27 and 28 November 1973. Clearances
and fit were reviewed and it was agreed that the installation
was satisfactory.

A second review of this installation was held at DDA on 13
December 1973 to determine fit and interface. During this
review, in addition to DDA and Boeing Vertol personnel, a
representative. of Arrowhead Metal Products (the duct manu-
facturer) was present. In order to obtain more clearance
between the bleed start manifold and two oil lines and an
electrical fitting in the bottom of the engine oil tank, a
slight bend was removed from the portion of the ducting
leading forward to the starter. Figure 100 shows' a compari-
son between the original assembly and the modifications being
investigated. It should be noted that the three axially
restrained bellows have been removed from the bleed manifold

* connecting the two bleed ports and replaced with two braid-
covered bellows. Concern was expressed by the duct manu-
facturer regarding the bleed and check valve being located
unsupported between three axially restrained bellows. It
was impractical to support the valve to the engine and the
braid-covered bellows will stiffen this assembly and support

* the valve. It had previously been determined that lateral
support of the assembly was required. This is provided
(see Figure 100 ) by a connection from a brace on the tee to
the bracket on the engine that supports the engine variable
geometry operating cylinder.
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It was considered desirable to design without the use of
flexible joints (See Figuare 101) which are heavy (joint
weight, steel ducting), costly, sources of pressure loss,
and may require additional support brackets.

In the area of the engine bleed pickup, the load limitations
at the connecting flange are:

1000 in.-lb moment
800 lbs shear
800 lbs axial

This limitation is a result of the use of commercially pure
titanium in the engine bleed port and scroll (see detail of
part on Figure A02). This assembly is welded to the 6AL-4V
titanium case.

DDA indicates that commercially pure titanium (lower stress
allowables) was used in the scroll detail due to the deep
draw operation required for manufacture and for cost.

Two design alternatives were considered:

a. Increase the load capability at the interface flange
by redesign of the scroll-flange intersection or by
adding strengthening gussets (DDA action).

b. Install flexible joints (U-pin internal tie rod
bellows or a bellows sealed ball joint) near the
interface fl~ange to minimize bending loads at the
joint. Two or three flex joints may be necessary
(See Figure 102).

The first alternative would result in a small increase in
engine weight, but would allow for a design without flex
joints.

The second alternative would require at learnt two flex joints
and the use of steel ducting instead of titanium, mince
the flexible joint would have to be stainless steel (titanium
flexible 'Uints are not recommended due to life limitations,
and titanium cannot be welded to steel successfully).

If three flex joints are necessary, additional support brack-
ets would be req~uired (probably to the engine).
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Design of the engine-mounted ducting system was completed and
released for procurement. An additional set was pro-
cured for engine testing. Criteria of not imposing more than
1000 In.-lb moment on the engine ports and maintaining pres-
sure drop variations between the two ports to within +10%
were imposed.

A photograph (Figure 103) of the bleed start manifold mounted
on the XT701-AD-700 engine mockup shows the installation. No
supports are required from the bleed/start manifold to the
engine other than the normal connections. The final design
was accomplished with the use of a tolerance take-up bellows
and an externally restrained bellows (not depicted in the
photo).

A dynamic analysis was performed using NASTRAN on the final
configuration of tt- r.,ieumatic ducting for the left engine.
The model assumed the ducting to be cantilevered at the
starter, at the two enigine bleed ports, and at the airframe
bracket on the transver:se manifold assembly. The material
modulus aý operating temperatures (650 0 F) was used (80% x
16.2 x l0 PSI).

Table 29 shows the frequencies of the 10 lowest modes. One
mode shape is presented in Figure 104. The lowest mode is
far above rotor order excitation frequencies (4/rev = 10.4 Hz)
and therefore will not be excited. Mode 7 is near the engine
operating speed (190 Hz) and may prove troublesome in opera-
tion. Its mode shape is shown on Figure 105. This mode can
be effectively damped by a duct support at locations A or B
in the figure, which are from the duct to the airframe -
not to the engine.

TABLE 29. FREQUENCIES OF TEN LOWEST OPERATING MODES

Mode Freguency (Hz)

1 77.2
2 97.7
3 102.5
4 114.6
5 127.2
6 156.6
7 186,6
8293 8
9 2964.

10 303.4

Alo~4f Analygia was perfow~s oa VerAi.b1.8 ifolO
duct foZ conditions inv'olvibz°thermal expansioft', installatton
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tolerances,, internal pressure, ground hayndling, and comnbina-
tions thereof. The loads on the engine interface flange are
summarized in Figure 106. The adjustment device and ball joint
have been found to provide the means to keep the interface
loads within the limits established on the XT701-AD-700 engine.
The loads in the table are defined as ultimate, and for all
cases except internal burst, the safety factor used is 1.5.

A pressure drop analysis was conducted on the bleed/81tart
manifold assembly. The study shows that pressure drop varia-
tions from .0 to .45 psi can be expected through the duct
section I~or flow ranges between 12 and 76 PPM of bleed
through the assembly. The design will permit estimated bleed
flow variations of +5.4% from each of the two 10th stage
ports on the engine. This flow split is within the + 10%
permitted in the Allison Specification 844A. paragraph 3.18.

Analysis of the duct configuration indicated the following flow
characteristics, assuming that no balancing orifices are in-
corporated:

a. Flow distribution from the respective bleed ports on a
particular engine will vary approximately 10% because of
the difference in resistance in each duct leg to the
commnon junction point. This assumes that the pressure
level at each exit port of the particular engine is
similar. Tha bottom bleed port which is connected to the
duct having the shortest leg to the tee junction will
deliver 10% more flow rate than provided by the top bleed
port.

b. Assuming all engines provide similar pressure levels at
each engine bleed port exit plane . flow distribution
characteristics as noted below can be expected.

(1) Right-hand engine will deliver 9.5% more bleed
flow than the left-hand engine, and 1.5% more than
the center engine.

(2) The center engine will provide 8% more bleed flow
than the left-hand engine.

The incorporation of any balancing orifices in the duct
system will be dependent upon the evaluation of the charac-
teristics of the complete duct system and an analysis of
the engine power and/or bleed pressure variations..

257



ROTATION

i6g +M
+AXIAL

DUCT - 2.6 OD, .020 WALL THICKNESS

MATERIAL TITANIUM, COMMERCIALLY PURE, A70

S BALL 4500 PROPERTIES

JOINT SAFETY 'ULTIMATE DESIGN LOADS
FACTOR

CONDITION (ULTIMATE) SM IN.-LB AXIAL-LB SHEAR-LB
(D (ENVELOPE). ..

GROUND HANDLING 1.5 t1040 ±300 ±300300 LB ULTIMATE (X, Y._Z) ...

(1) INTERNAL PRESSURE
BURST 100 PSI (4259F) 2.25 0 +1215 0

(® THERMAL 0 131°F S.L.
AT - 160 RF 1.5 +345 --60 22

® INSTALLATION TOLERANCE 1.5
a) ROTATION..1250 4541 - 4

b) By 0.01 IN. ± ;94 - -

W) 6z -. 01 INJ.00G IN. -3M1/-170 - -

COMBINED

.005 225 -44 +779
® k()+ +® 15 +9 +750

o N-® 15 -- 11

,005 2.2

- NEGLIGIBLE VALUES

Fiue 106. Summary - interface Ilana. loads with ball joint.258
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Early in 1974 it was determined that (1) the cargo hoists
would be operable in the prototype,and (2) starting the main
engine required more pressure and flow than originally antici-
pated. The pressure drop in the pneumatic system was decreas-
ed approximately 50%. This was accomplished by increasing
2-1/2-inch ducts to 3 inches (except for lines connecting the
two bleed ports on each engine), increasing 3-inch ducts to 4
inches, and increasing 4-inch ducts to 5 inches. In addition,
all tees were streamlined for optimum flow. A preliminary
weight investigation indicated an increase of 37 pounds.

All detail ducts of the airframe-mounted duct system were
released for procurement to Arrowhead Metal Products. Arrow-
head made production-type drawings (included weld designations,
etc.) and submitted these drawings for approval.

Figure 107 is the final pneumatic system schematic.

Six of the seven ducts selected for burst testing at tempera-
ture (due to complicated shapes) successfully passed proof
(105.5 psig at 640°F for 5 minutes) and burst (175 psig at
640*F for 5 minutes). The seventh failed at proof pressure
in the weld area where an acute angle tee attaches to the
main duct. Refabrication of the duct was completed. The
rework included heavier gauge metal in both the basic duct
(locally where tee attaches) and in the tee. Gussets holding
the tee to the duct were increased in gauge and flanged for
extra stiffness to prevent tee flexing.
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2.13.4 Environmental Control System

The HLH prototype contract designated the use of a CH-47
heater to provide heat in the occupied areas. At the
Preliminary Design Review meeting 21 March 1973, a suggestion
was made to utilize a bleed air heater (engine bleed air mixed
with outside air). As an alternative, the installation of an
air-cycle environmental control unit utilizing engine bleed
air was investigated.

Since two suppliers had offered environmental control units
for use in the prototype, a decision was made to incorporate
an environmental control unit in the prototype aircraft.

As a result of the decision to install an environmental con-
trol unit (providing cooling as well as heating) in the
prototype aircraft, various types of units were investigated.
Figure 108 is a summary of the flow rate and temperature of
the air required to maintain compartment temperatures. Also
noted on Figure 108 is a list of eight ECU's investigated.
The first six of t9-hese units are of the simple cycle, boot-
satrap or three-wheel cycle. This type of machine utilizes
all bleed air. The last two units utilize a different cycle
(see Figure 109) in which a portion of the air utilized is
bled from the engines, while the remainder is recirculated
from the cabin. This cycle will only operate satisfactorily
in an unpressurized cabin such as the HLH has. The advant-
age of this cycle is that the bleed air requirement is
greatly reduced. Two companies at present have these
machines under development.
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OVERBOARD

BLEED AIR ,

FROM FAN TO CABIN

CABIN

COMPRESSOR

REVERSE BRAYTON CYCLE

BLEED A i R

TO CABIN RAM AIR
OVERBOARD

TURBINE COMPRESSOR FAN

THREE-WHEEL CYCLE

Figure .109. ECU diagrams comparing reverse Brayton cycle wh'h three-wheel cycle.
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Ai- RFP was released to three bidders (AiResearch, Sundstrand,
and Hamilton Standard) to bid on a complete APU/secondary
power system except for ducts and certain valves. The major
items in this system are the APU, ECU, ATM, hydraulic pumps,
and an electric generator. Two of the companies, AiResearch
and Sundetrand, submitted proposals on 21 March 1974.
(Hamilton Standard declined to bid.) Both companies bid with
the understanding that only the ECU would be purchased for the
prototype at this time. An indepth evaluation of these pro-
posals resulted in selection of Sundstrand on 12 April 1974.
On 19 April 1974, a no-cost purchase order was issued to
Stmdstrand for procurement of an ECU.

The pre-prototype unit was assembled in Sundstrand's test cell
and testing ccmmenced in April 1974. Design performance is
shown in Figure 110 . This unit consists of a turbo-compressor,
a turbine tip fan, and heat exchangers which are functionally
identical to the prototype design. These components are
connected with flexible hoses instead of hard ducting. Test-
ing has been accomplished at laboratory amibient condition
with a controlled bleed air supply. Initial testing indicated
a problem with the turbine tip fan bearing and the turbc.-
compressor lube system (oil foaraing).

The carbon bearings on the turbine tip fan were replaced with
grease-packed ball bearings to facilitate testing were to be
replaced with oil-lubed ball bearings in the prototype unit.
The unit was run with an external lube system to the turbo-
compressor, while the oil foaming problem was addressed. The
oil foaming was caused by reservoir size and churning in the
gear housing. The prototype reservoir was designed in accord-
ance with Sundstrand constant speed drive practice to pre-
clude this problem.

Initial 3ystem testing indicated considerable air leakage,
both internal and external. The external leaks were sealed,
and the results indicated that the unit was producing about
96% of cooling capacity without moisture separation. These
results were reviewed with Boeing Vertol and the Army during
the coordination and design review meeting of 3-4 June 1974,
and it was agreed that the unit was operating approximately
equal to design performance. Those present witnessed the
unit in operation. The utit has since been operated with
moisture separation, but in the first test it produced an excess
of moisture separation. Correction of this data also indicates
the unit is near design performance. The unit was reworked to
correct internal leakage and retested.

An analysis of the alumJinum turbine wheel exducer (curved
portion of turbine wheel at wheel discharge) failure which
occurred during testing was completed. The mode of failure
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was high-cycle fatigue due to reverse bending stresses. The
fatigue originated at tool marks along both sides of the
blade in the fillet at the blade root. The aluminum material
was improperly heat treated, resulting in an overaged mater-
ial with some reduction in fatigue strength. By the nature
of the failure, it was concluded that the nominal stress
level in the fillet area was marginally above the fatigue
endurance limit, i.e., the material was marginal for this
application. Titanium wheel material was selected to solve
this problem and to improve corrosion resistance.

During September 1974, a second aluminum turbine wheel
(from original order) was put on test, but testing was
interrupted when a wheel rub occurred. This was due to
unanticipated thrust loads occurring at test conditions.
The test rig was modified to prevent recurrence of this
problem.

A titanium turbine wheel (replacement for an aluminum turbine
wheel) experienced fatigue failure of four of the thirteen
exducer blades during a calibration test; two of the blades
separated completely. The turbine calibration test does not
in'-_lve a complete air cycle machine; the turbine wheel.,
nozzle, and inlet scroll are assembled and run on a testing
brake so that turbine output power and speed can be measured.

At the time of the failure, the wheel had been run for a total
of eight hours at various speeds up to 75,000 rpm. It was
running at 57,000 rpm when the exducer blades failed.

A similar failure occurred in July 1974, when a single
exducer blade failed on an aluminum prototype turbine wheel.
In that case, the failure occurred at a speed of 62,000 rpmn
after 15 hours of running at various speeds up to 80,000 rpm.

Aside from the material, the only difference between the two
wheels is the blade thickness. The aluminum wheel had a tip
thickness of .032 inch and a 1-degree taper; the titanium
wheel has a tip thickness of .020 inch and also a 1-degree
taper.

A program of analysis and test was conducted to overcome the
exducer blade fatigue problem. This program included:

SComputer modeling of the vibration modes and frequencies

of the turbine wheel blades.

b. Analysis of the nozzle and wheel geomietries to ascertain
the extent of possible excitation modes and forces.
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c. Measurement of the blade vibration modes using interfero-
metric holography.

d. A test of a turbine configuration with increased clear-
ance between the nozzles and the wheel tip. The clearance
was increased from approximately .030 to .090 inch, to
reduce the magnitude of the excitation forces. The effect
on turbine performance was measured.

e. A test of a turbine wheel configuration having a shroud
around the exducer blade tips. This will provide damping
of the blade tips. The effect on turbine performance
will be measured.

f. A two-piece turbine wheel was manufactured and tested.
In this design the exducer portion of the wheel is manu-
factured as a separate piece from the inflow portion and
the two pieces are tightly clamped together on assembly.
This approach provides considerable friction damping for
the exducer blades. There is no change in the aero-
dynamic contour of the wheel and hence, no change in
performance.

This program was planned to provide a "quick fix" which would
allow ECU development to proceed with minimum delay, and also
to establish an analytical basis for a final solution to the
problem.

Fabrication of the balance of the ECU components proceeded
satisfactorily. A development core for the water separator
was delivered from Standard Thompson and assembly of the
precoolers and dual heat exchanger was completed.

Calibration of the fan component of the turbofan was
completed.

* The turbine wheel program of analysis and test was completed
early in 1975. The fix was to shrink a steel shroud
(1/2" wide x .020" thick) around the tips of the titanium
exducer blades. This configuration accumulated 175 hours
(operating at 30,000 - 80,000 rpm) with no failures.

The wheel was removed from endurance testing and used in a
compressor/turbine assembly test. A prior test of a
compressor/titanium wheel and shroud showed rubbing of the
shroud. Initial testing of the endurance wheel in the
assembly skhowed no rubbing. This wheel was used in the
assemb'_y test until a new wheel was manufactured and then it
was returned to endurance testing.

The titanium wheel with the steel shroud accumulated 300
hours of operating time (30,000-80,000 rpm) successfully.
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2.14 ROTOR BLADES

The forward and aft rotor blades are identical except opposite
hand. Only the aft blade was developed during the ATC program.
The prototype blade program included the engineering and tool-
ing releases for the forward blade and for pendulum absorbers.

Geometry, construction, materials, and physical properties of
the prototype blade are the same as the ATC blade, as defined
in the ATC Program Final Report, Reference 4.

Nine design changes to the ATC blades were identified for the
prototype configuration. The changes are a result of full-
scale ATC blade test results and cost and manufacturing diffi-
culties identified during ATC blade fabrication. The design
changes are shown in Figure 111 . Each of the changes was
reviewed and concurred with by the technical divisions of
AVLABS AND AVSCOM.

Six of the nine changes required test verification. The
changes requiring testing, the test method, and the test hard-
ware are identified in Table 30. The eight-foot tip specimen,
which is the hardware source of three of the five tests, is
shown in Figure 112

2.14.1 Chordwise Airload Specimen Tests

Testing of the six chordwise airload specimens to verify the
redesigned aft fairing core was successfully completed.
Three outboard sections, with horizontal core splice, and three
mid-span sections, no horizontal core splices, were tested.
Test results for the mid-span and outboard sections are shown
in Figurei 113 and 114, respectively. As seen, all specimens,
including the ballistically damaged mid-span specimen, fell
within or above the scatter of the minimum required strength.

It should be noted that the outboard specimen on the lower side
of the scatterband, tested at +19 psi, slipped in the grips
during the test. This slippage may have caused a premature
failure. This is supported by the fact that the non-ballisti-
cally damaged mid-span specimen, also tested at +19psi, endured
almost twice as many cycles as the outboard specimen (10,000,
000 vs. 5,540,000).

The ballistically impacted mid-span specimen was first tested
at a shear stress of +11 psi for 14,342,000 cycles without in-
curring further noticiable damage. This load level in 15%
higher than the design fatigL-: load of the critical mid-span
section and equal to the VH load level of the critical out-
board section. The number of cycles is equivalent to over
1500 flight hours. The specimen was impacted directly, 00
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obliquity, with a.50 caliber ball projectile at a muzzle
velocity of 2881 feet per second and then tested without any
repair to the core. The external damage at the entrance and
exit holes of the projectile are shown in Figures 115 and 116,
respectively. These test results verify that the redesigned
aft fairing core with a stiffened spar heel increases the
shear strength of the core to an acceptable level for the pro-
totype aircraft.

2.14.2 Precured Heel Torsion Test.

The torsion test of the precured heel specimen, conducted at
Fort Eustis, Virginia, was completed. The specimen endured
5,000,000 cycles at the equivalent 1 .5 VH loading without fail-
ure to the spar. The aft fairing did debond along the top
skin starting at 2,450,000 cycles and completely unbonded at
3,960,000 cycles. The debonding of the fairing caused a loss
in stiffness of less than 8%. The debond is attributed to two
sourcess (1) the configuration of the specimen is such that
load is introduced to the aft fairing in an abrupt manner, un-
like the root end of the blade fairing, thus causing a stress
riser,ane (2) ultrasonic inspection of the specimen prior to
testing revealed voids in the bond which were considered
acceptable for a test specimen but would not be for a blade.

2.14.3 Root End No. 2 Specimen

Testing of the No. 2 root end specimen was successfully com-
pleted in l.ate December. Initially the specimen endured
2,400,000 cycles at equivalent VH loading. The load levels
were then increased to the 3.0 VH level for flap and chord
bending, 1.5 VH for torsion, and 1.14 VH for lag damper load.
The CF loading was maintained constant. An additional 2,500,
000 cycles was conducted without any damage. At the conclus-
ion of these safe-life test runs, the limit CF was applied to
the specimen and the torsional stiffness was measured. There
was no decrease in torsional stiffness from the start of testing.

The highest loaded lug (upper trailing lug) was completely cut
through at station 66.0 and fail-safe testing was started at
equivalent VH loading. After 400,000 cycles a second cut was
made in the uni straps at station 104.0 under the leading surface.
At the conclusion of the testing, 1,600,000 cycles (171 equiva-
lent flight hours), the delamination had propagated outboard
22 inches. The outer torsion wrap also delaminated from each
end of the cut at station 104.0. These delaminations propagat-
ed at a 450 angle from the cut and were 1.5 and 1.0 inch in
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length on the upper and leading edge surfaces, respectively.
In addition, the uni material appeared to be partially cracked,
approximatoly 2.0 inches spanwise and originating from the
upper surface of the cut.

At the conclusion of the fail-safe testing, the limit CF was
applied. No further damage was noted from any of the defects.
Additional testing of the No. 2 root end specimen was accom-
plished although the specimen had successfully completed the
planned testing. The additional testing raised the total num-
ber of hours of the fail-safe test to 200 equivdlent flight
hours. Prior to the additional 29 hours, the cut in the upper
leading edge uni straps at Sta. 104.0 was increased to 12
inches spanwise and a third cut was made in the lowur leading
edge uni straps, measuring 12 inches spanwise by 6 inches
chordwise, and aiso centered at Sta. 104.0. These cuts are
shown in Figure 117.

Before the specimen was fatigued, stiffness measurements were
made. Stiffness over the span of the c'.it was decreased to 44%
flapwise, 39.2% chordwise,and 16.9% torsionally.

The specimen was then fatigued at VH load levels. After 12.7
equivalent flight hours, the torsional load was reduced 50%.
(The load actuator bottomed out due to torsional windup of the,
specimen). The remaining hours were accomplished with no
further reduction in loads.

At the conclusion of the test, the lag damper arm was disassem-
bled and inspected. Figure 118 shows the disassembled lag
damper arm. Fretting of the lag damper arm has been eliminat-
ed by the fiberglide coating on the sleeves. The fiberglide
coated sleeves survived the test in excellent condition.

2.14.4 No. 2 Tip Hardware Specimen

Testinq of the No. 2 tip hardware apecimen was successfully
completed in early November. After sustaining the limit CF
load, a total of 5,000,000 cycles, half at equivalent VH
loading and half at twice VH loading, was applied without
any degradation of the bond between the tip fittings and the
spar,

After fatigue tesot, a static CF load was applied to the
fittings. At 90,000 lbs, a test fixture stud failed. The
ultimate design C? -1oa. is 58,500 lbso After repairing the
stud, the CF load v4 applied to the forward and aft tip
fittings sepaa4t*1yl The tip fittings failed at 61,000 and
82,000 lbs foT to-forVard and aft fittings, respectively.
The mode of failurV.Or each was a debonding of the tip weight
tubes from the fitting. The failed fitting. are shown in
Figure 119.
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Figure I19. TYp hardware Ient Specimen.
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2.14.5 Intermediate Bending Specimen No. 2

The spar for intermediate bending specimen and outboard torsion
specimens was fabricated and cut into test sections. Both
specimens were ultrasonically inspected as well as leak checked.
The intermediate bending specimen had the ISIS bulkheads and
load plates installed.

Testing of the No. 2 intermediate bending specimen (Sta. 138
to 318) was initiated in late February. The initial load level
at the mid-span was 23,200 + 23,000 psi, equivalent to 1.5 VH
alternating loa&. After 1,266,000 cycles, a crack in the ti-
tanium cap was discovered in the tc• surface at Sta. 254.

The stress level for this crack is shown in Table 31. Testing
was continued at the same load level. Two more ;racks were
found in the bottom surface of the titanium cap after 1,489,000
and 1,801,000 cycles. The location and stress levels for these
cracks are given in Table 31. In addition, the ISIS indicat-
or started to show unsafe at 1,765,000 cycles and was complete.-
ly unsafe at 1,801,000 cycles. The specimen was leaking at
all three cracks.

The vibratory load was reduced to 17,600 psi (1.17VH) at the
initial crack and the fail-safe run of two million cycles was
accomplished. During the fail-safe run, seven more titanilum
cracks were discovered. The test history of these cracks is
given in Table 31.

An analysis of the --rack surfaces, removed from the specimen,
revealed that the cracks originated at local surface burns on
the inner Lurface of the titanium cap on all 10 cracks. The
surface burns are generated by abrasive cleaning, power disc
sanding of the cap during the post-forming scale removal.
The power sanding causes the titanium to spark. The sparks,
which are molte.a titanium, redeposit on the surface of the
cap resulting in minute surface cracks.

The local burns were duplicated by subjecting fatigue coupon
specimens cut from the selvage area of the prototype caps to
power sanding sparks. The results of the coupon tests,
Figure 120, verified the strength reduction due to the molten
titanium deposits.

A review of the titanium cap fabrication procedure revealed
that all the pitotype caps were subject to the abrasive
cleaning. Ai te analysis, baned on the results of the bending
specim~a ve**preaented to AVOWOM personnel in early April.
It was recommbnded that prior to first flight, a life of 1000
hours be established.
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It should be noted that since the initial titanium cap crack,
over 200 equivalent flight hours at 100% VH loads have been
accrued on the bending specimen with no measurable change in
frequency or response, which verifies the predicted fail-safety
of the concept. Fail-safe testing of the No. 2 intermediate
bending specimen was continued. An additional two million
cycles at VH load level and one million cycles at the 2.0 VH
load were completed. Thus, this specimen accrued over 400 equiv-
alent flight hours at 100% VH loads and 100 equivalent flight
hours at 200% VH load level with no measurable change in
frequency or response.

D~uring the fail safe testing, three additional cracks in the
titanium were discovered. The crack locations and time of
discovery are; cra~ck no. 11, top surface, Sta. 287, 3,300,000
cycles of VH loading; crack no. 12 and 13, bottom surface, Sta.
191.5 and 223.5j, 160g,000 cycles of 2.0 VH loading.

The only vi~sible* discrepancy in the fiberglass was debonding
of the outer cross-ply on the top surface adjacent to the
crack at Sta. 254, the initial crack in the titanium. (Note:
the damage under the titanium cap would not be visible if the
section~ of the cap had not been removed for failure analysis).

Prior to the discovery of the molten titanium deposits, a
program was initiated to determine the Goodman effect (steady
stress) on the endurance limit and the spanwise and chordwise
residual stress levels (due to thermal effects and evacuation
of the spar for ISIS). A straight-line Goodman diagram had
been assumed for the titanium analysis. Fatigue testing at
various stress ratios verified the assumption of the straight-
line Goodman diagram as shown by the test results in Figure
121.

During the course of the microstructure analyses of the Good-
man effect coupons, small flaws and microstructure variations
were identified within the base material. Although neither
condition was contributory to the premature crackings, they
are considered undesirable effects. Coordination with the
titanium producer identified that the two conditions are re-

* lated and that tighter controls during annealing and a small
modification to the rolling schedule would eliminate these
conditions.

* The coupon program which duplicated the effect of the molten
titanium deposits on the fatigue strength of titanium was com-
pleted. Teat results showed that the high cycle fatigue
strength is reduced by the presence of the deposits but the
effect is negligible an--the lby cycle fatigue strength. A
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titanium cap life of 1000 hours was established prior to first
flight. The predicted life was based on top-of-scatter loads
and the high-directionality titanium with molten deposits curve
shape; the mean chance of a cap failure occurring in 100 hours
is 0.000024. A comparison of the two curve shapes and the pre-
dicted bottom-of-scatter life is shown in Figure 122.

It should be noted that the cracking of the titanium cap is a
reliability and maintainability problem and not one of safety.
Therefore, the blades will be flown on an "on condition" re-
moval basis.

2.14.6 Outboard Torsion Specimen No. 2

Testing of the second outboard torsion specimen was initiated
in early June. The safe life and limit load tests were success-
fully completed. The safe-lifa test consisted of three million
cycles at 2.0 VH load level. Prior to the test the aft fair'ng
was impacted at mid-spei with a. 50 caliber ball projectile.
The damage was not repaired. There was no visible damage pro-
pagation during the safe-life test. The ability to withstand
the limit lead proved that the precured heel solved the cross-
ply wrinkling problem which caused failure of the initial
specimen.

Torsional stiffness measurements of the specimen prior to test-
ing matched the theroretical calculation within 6%. Measure-
ments taken after the safe-life test showed no change in stiff-
ness.

The top surface of the titanium nose cap was cut from its trail-
ing edge to within 1.50 inches of the leading edge. Fail-safe
testing of the specimen remained to be accomplished at program
termination.

2.14.7 Pendulum Absorbers

The swing testing of the first four-per-rev pendulum absorber
was completed. The measured tuning range verified the predict-
ed tuning range. The remaining four-per-rev absorbers and the
three-per-rev absorbers were fabricated but whirl and swing
tests were not accomplished due to program termination (Figure
123).

2.14.8 Proof Load

Instrumentation of ATC Blade No, 3 for flapwise and chordwise
proof load tenting was completed. Testing was not accomplished
due to program termination.
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2.15 ROTOR HUB AND UPPER CONTROLS

The System Requirements Revicw meeting held in March 1973 in-
cluded a review of the applicable ATC design components (Ref-
erence 5, ATC Final Report).
Prototype differences and additions include:

Pitch Housing - incorporate delta three

Swashplate rotating ring - incorporate delta three

Droop stop - due to delta three

A layout, weight, and cost savings for a single pitch link in
place of the dual pitch link was presented. The single link
makes use of fracture mechanics to determine allowable stresses
that would p-ovide fail safety by an essentially zero crack growth
rate.

The kinematic layout of the forward rotor controls ( with delta
three) was completed. The layout of the forward pitch housing
was completed.

The release to Operations to manufacture those parts designed
under the ATC program was accomplished in mid-1973. Long-lead
material for the forward rotor swashplate and pitch housing
was defined. Parts defined on specification control drawings
(such as the lag damper, bearings, etc.) were also released to
Materiel for procurement.

Detail drawings for parts comprising the flap stop for the for-
ward rotor were completed and issued. The flap angle limits
are different for the two rotors and parts were designed to
minimize the nossibility of assembling incorrectly.

Design of the swashplate stationary ring for both rotors was
completed. The design features three failsafe actuator attach-
ing lugs, All other features of the ATC swashplate stationary
ring design are maintained.

Two stationary scissors will be used at each rotor on the proto-
type. A second scissors assembly will provide fail safety through
redundant structures. This precluded the requirement for the
actuators to provide restraint for the stationary ring in event
of the single stationary scissors failure.

The design of the rotating ring for the forward rotor was com-
pleted. The radius of the pitch link attachmaent is greater be-
cause of the delta three in the forward rotor. The box section
for the ring was enlarged and three boron stiffening rings were
applied to the top and bottom of the Ving in lieu of two on the
aft rotating ring.
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All detail drawings were released for the prototype rotor hub
and upper controls by early 1974.

The first rotor hub fatigue test conducted under the ATC phase
indicated the need for improved fretting inhibitors in the
various joints. Results of the second fatigue test, which
incorporated these materials, determined changes to released
prototype components.

Deflection tests necessary to evaluate increased stiffness
identified in the ATC upper controls endurance test were
completed under that program. The data was used to redesign
the swashplates. Changes identified include addition of bulk-
heads to the rotating rings to reduce shear deflections of the
ring cross-section and an increase in circumferential bending
stiffness of the stationary ring, particularly over the
actuator lugs, to reduce local loading of the bearing.

As a result of rotor hub and crossbeam fatigue testing, the
design was changed to coat the bushings in the hub and cross-
beam attachment with plasma-sprayed aluminum bronze with 10%
Ekonol in place of Sermetel 72. The outer faces of the
flanges, previously uncoated, were coated with tungsten car-
bide. The shear pin also had the Sermetel replaced with the
aluminum bronze.

Endurance testing of the swashplate has indicated that the
bearing would still be expected to ride over the edge of the
bearing for the higher design loads. The design of the swash-
plates was changed for the prototype to increase the
thickness of the rings by 0.18 inches on the inside in all
places except in the bearing backup walls, where the thick-
ness will be increased 0.23 inches. This beefup dimension was
chosen by the status of hardware in process when the change
was committed, i.e., rough machined to a nominal 0.25 inch
oversize. The 0.18" will allow a finish cut which is expected
to clean up the rough-machined and heat-treated surfaces com-
pletely. The bearing backup wall is desired to have the maxi-
mum smoothness possible and the 0.23" specified may leave a few
areas unfinished. The boron rings will increase in dimension
to cause the bending stiffness to increase approximately 1.6
times the original design for the aft rotating ring and to ap-
proximately twice for the stationary rings. The bearing is now
specified to have the race depth 35% of the ball diameter.

The inboard lag damper bracket was found to have interferences
with the lag damper when the blade approached extreme permiss-
ible angles. This was found in the clearance checks on the
whirl tower. While the bracket was adequate for all ground
testing, it was redesigned for the prototype.
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As a result of experience on the whirl tower and the DSTR, the
original conical droop stops were replaced with cylindrical
stops. Also, the elastomeric bearing preload button install-
ation for the prototype was completed. It differs from the
installation on the DSTR rotor in that the button floats
radially, to be located by the elastomeric bearing, and the
Teflon/Dacron fabric is on the button rather than on the elasto-
meric bearing.

All design drawings and changes were completed except one new
part which was identified to be designed and fabricated for
the prototype. The lag damper is free to rotate about its
axis because of the spherical bearings at each end. It is
loosely restrained by buttons in the inboard bracket bearing
against the damper tailstock. The original installation had
nylon buttons. These wore rapidly and were replaced with
bronze Oilite. These wore less rapidly, but were still un-
satisfactory. The rapid wear occurs because the damper is top
heavy and the moment about the damper axis due to centrifugal
force put a high load on the button. The solution was to
attach a counter balance below the damper to substantially re-
duce the moment due to top heaviness.

2.15.1 Testing

The testing planned under the prototype program included the
following:

Lag damper fatigue and endurance

Swashplate endurance

Swashplate stationary ring fatigue

Swashplate rotating ring fatigue

Forward swashplate rotating ring strain survey

Loop fatigue

Pitch housing static strain survey

Actuator gimbal mount fatigue

Major fabrication work was completed for all test specimens.
However, due to the program termination, only the lag damper
and the swashplate endurance tests were conducted.

2.15.1.1 Lag Damper Fatigue and Endurance Tests

The first fatigue test was interrupted at 34,900 cycles because
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of hydraulic fluid leakage. The source of the leak was a crack
in the tailstock. Examination of the tailstock showed the crack
to have originated in the fillet radius for the bolt head spot-
face. The crack had progressed through a hydraulic passage.
Revised parts were fabricated for the DSTR rotor and for con-
tinuation of the fatigue test. Fatigue testing was resumed
with the new tail stock as well as aluminum bronze/Ekonol coat-
ed bushings in the outboard end clevis. The latter were in-
cludea so that the fatigue test configuration would be identi-
cal to the prototype aircraft. Testing was interrupted at
147,00U cycles by a split in the aluminum body adjacent to the
tail stock. Testing was continued and a failure of the clevis
occurred through the threaded piston rod hole. Fretting of
the 'check nut against the clevis was the source of the failure.
After failure of another cylinder barrel in pressure pulse
testing it was concluded that the barrel is basically under-
strength and it was redesigned by thickeninq the wall. Fabri-
cation of new barrels is approximately 50% conplete. The face
of the check nut has been coated with aluminum bronze/Ekonol to
prevent fretting. Fatigue testing was planned on a rebuilt
damper, but was precluded by program termination.

The endurance test specimen ccmpleted the required 300 hours
of cycling testing. External leakage from the bias piston
area was in excess of specification allowables and damper force
at low velocities was below specified minimums. Teardown in-
spection was accomplished and determination of required correct-
ive action was in progress at program termination.

2.15.1.2 Swashplate Endurance Test

The two prototype configuration swashplates with 35% race
depth bearings were completed and the test begun, using scissors
and pitzch links from previous tests. 111 hours of the 250-hour
test were completed. All of the high load conditions were
completed. All indicators, i.e., pressure indicators for
cracks, temperature, and shock pulse, were normal.
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2.16 DRIVE SYSTEM

The prototype drive system consists of engine, combining, and
aft transmission and drive shafting designed and tested under
the ATC program (Reference 6, ATC Final Report) and a forward
transmission detail designed under the prototype program.

The forward transmission was identical to the aft in the rotor
shaft, upper cover, rotor shaft support bearings, and first and
second planetary stages. A new input bevel gear drive was re-
quired to accommodaLe the inclination of the forward trans-
mission; this bevel drive duplicates the 2.86-to-l ratio of the
aft rotor transmission. The bevel drive required a lower case
different from the aft to suit the forward shaft angles. The
clearance envelope and other considerations also required a
blower/cooler position different than the aft. This forced
certain changes in the accessory drives. The lubrication and
dianostic system was similar in concept and largely identical
to the aft lransmission. Further study of the forward trans-
mission layout developed under the ATC program resulted in an
improved design for the support of the spiral bevel gear. This
design provided lower detail weights, improved rigidity in the
mounting, and a significant decrease in the velocity of the
support bearings.

Other major drive system work under the prototype program in-
cluded the design and construction of a forward transmission
load stand, design and fabrication of a test fixture for the
rotor shaft fatigue test, and gear resonance tests.

The System Requirements Review was held on 13 March 1973.

2.16.1 Transmission Design

A change in the ATC transmission upper cover design was re-
quired to accommodate the revised swashplate actuator arrange-
ment. This change consisted of providing two independent
transmission-driven hydraulic systems at each rotor
with each system powering one channel of three dual swashplate
actuators instead of the six actuators previously selected.
In addition, the ATC transmission design was modified to pro-
vide capability for oil-cooling the transmission driven electri-
cal generators, rather than air cooling (ATC design).
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Strengthened gears were designed and fabricated for the proto-

type transmnissions. These gears include the following:

301-65004 Forward Bevel Input Pinion
301-65005 Forward Sun/Bevel Gear
301-10428 Aft Bevel/Input Pinion
303-10419 Aft Sun,'Bevel Gear
301-10601 Combiner Collector Gear
301-10610 Combiner Slant Shaft Gear
301-10654 Combiner Helical Input Pinion
301-10677 Combiner Bevel Input Pinion

These gears were redesigned as a result of the ATC testing
(static deflection, dynamic strain survey, and bea'ch resonance).
The new gears were designed to be as rigid as possible with
excess material provided wherever practical. These baseline
configurations were resonant tested using the air siren tech-
nique developed during the ATC test program. This testing was
accomplished prior to grinding the gear teeth.

The forward input pinion siren tests and analytical predictions
showed extremely good (within 15%) correlation of resonant fre-
quencies. As predicted by analysis, there were no gear re-
sonances in the operating speed range. Therefore, no change
to the gear configuration was required.

The aft input pinion was also siren tested. Correlation with
calculated frequencies was again excellent and no change in
gear configuration was necessary.

The helical input pinion was siren tested for a second time.
Results indicate several modes in close proximity to normal
operating rpm. These modes involve relatively large displace-
ments of the hearings and should therefore be well damped.

The combiner slant shaft pinion was siren tested. There were no
gear resonances in the operating speed range. Correlation be-
tween analysis and siren test was extremely good, with an aver-
age error of 2.8% between test and analysis.

The combiner spiral bevel input pinion was also siiren tested
with similar results.

The prototype aft transmission design incorporated upper cover
changes and generator oil cooling changes similar to those of
the forward transmission.
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No changes were necessary in the prototype combiner transmission
design over that of the ATC design, except the gears noted
above.

Changes in engine drive shaft length were necessitated by the
decision to move the engines rearward.

2.16.2 Rotor Shaft Fatigue Test

The rotor shaft fatigue test fixture was designed and fabricat-
ion was completed. No testing was accomplished due to program
termination.

2.16.3 Foward Transmission Test Stand

A load stand was designed for the forward transmission endurance
test. Fabrication assembly and installation of the stand was
90% complete at program termination (Figure 124).

2.16.4 Forward Transmission Static Strain Survey

Bevel gears were instrumented and subjected to a static strain
survey dx;ing June 1975. The bevel pinion had been used as a
trial setup piece for machining and consequently had thin teeth.
The measured stresses therefore required adjustment to allow
estimation of stresses to be encountered (and remeasured) with
full thickness gears. The results indicate that the capability
exists to operate safely at 100% torque with the full thickness
gears.
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Figure 124. Forward transmission test stand.
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2.17 CARGO HANDLING SYSTEM

The ATC-developed tandem dual cargo hook system (Reference 9,
ATC Final Report) was provided to allow safe high-speed trans-
port of externally suspended cargo. Load capacity dnd equip-
ment were provided for 28-ton/2.5g tandem suspensions and 35-
ton/2.5g single-point suspensions. Pneumatically powered sig-
nal conductor reels were provided to permit remote actuation of
the two cargo couplings, by the normml and mechanical backup
release modes. Controls and displays were provided for the
pilots and load-controlling crewmen, to permit cargo handling
operations, hook actuation, and load jettisoning at each cargo
coupling independently or in unison, whether loaded or unloaded.

The initial concept omitted the pneumatic power to the hoists,
to reduce program costs. Cable lengths were ground adjustable
only. Late in the program, it was determined that the cost
savings due to omission of power to the winches would be offset
by increased flight test costs and operational problems. There-
fore, pneumatic ducting was incorporated to power the hoists
with engine bleed air.

The longitudinal span positioning system for the hoists was
deleted, and a fixed span of 18 feet was selected. The physi-
cal ATC program hoists were used for the prototype. No new
procurement was required and no testing was necessary.
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2.18 FLIGHT CONTROL SYSTEM

2.18.1 Flight Control
Sys temDescription

The prototype flight control system provides for stabilization
and control of the aircraft via a triplex in-line monitored
analog fly-by-wire Primary Flight Control System (PFCS) inter-
faced with a triplex digital Automatic Plight Control System
(AFCS) (Figure 125). The PFCS is two-fail operative; the AFCS
is fail operative/fail off.

'he PFCS is the electrical analog of a conventional mechanical
flight control system. The limited-authority AFCS provides
for flying qualities enhancement. The helicopter can easily
be flown without augumentation; hence the ultimate flight
safety is vested in the PFCS. Prototype flight control. system
concepts have been flight demonstrated on the HLH/347 demon-
strator (a modified CH-47 helicopter), as described in Refer-
ence 8. The PFCS is composed of conventional cockpit con-
trols and a Direct Electrical Linkage System (DELS). The pri-
mary control path originates at the pilot control which drives
multi-redundant motion transducers. The pilot control outputs
are mixed in the linkage electronics and used to position the
swashplates via servoactuators. Three swashplate servoace-
uators control swashplates at the forward and aft rotor (six
actuators in all).

The stiffness of the swashplate actuator is mocified by pressure
feedback to damp 4/rev loads which occur with the onset of
blade stall.

The AFCS consists of airframe motion sensors and processing
electronics; its output interfaces with the DELS via a rate- and
authority-limiting interface which is analogous to the series
stability augumentation and trim. actuators found in convent-
ional helicopter flight control systems. The AFCS also pro-
vides a path for the aft-facing load-controlling crewman (LCC)
to fly the aircraft via a four-axis finger ball controller.
The LCC input is limited in terms of authority and rate and
may be overridden by the pilot at any time. Finally, the AFCS
provides commands to the force feel/control driver actuators.
This input is used to position the pilot's control in response
to LCC inputs and as an interface for other parallel stabili-
zation inputs (such as altitude hold via inputs to the collect-
ive axis). Figure 126 shows the system equipment and inter-
faces.
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Figure 126. Flight control system equipment block diagram.
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2.18.2 Development Approach

A substantial portion of the AFCS equipment developed during
the HLH Advanced Technology Component (ATC) program was util-
ized for the prototype. The PFCS employed cockpit controllers
and force-feel actuation developed in the ATC phase and the
DELS was based on the ATC concepts. New hardware, in partic-
ular integrated swashplate servoactuators, was developed
for the prototype.

The emphasis of design activities for the prototype aircraft
was placed on the DELS. The AFCS and cockpit controls hard-
ware was modified only to the extent necessary to correct de-
ficiencies found in the ATC phase and to delete functions not
required for the austere prototype aircraft. The AFCS soft-
ware package was modified to reflect the characteristics of the
prototype aircraft; since the 347 demonstration characteristics
closely match those of the prototype, the changes required
were nrt extensive.

2.18.3 Primary Flight Control syst em (PFCS)

Figure 127 is a block diagram of a single channel of the pri-
mary flight control system. The single channel will be de-
scribed first and redundancy impacts will be discussed later.

Cockpit Controls. The pilot interface is a set of convention-
al helicopter controls which have been designed to minimize
vulnerability to battle damage and maintenance error. Pilot
and copilot controls are coupled directly to large diameter
torque tubes which drive dispersed redundant control-roticn
transducers for each axis. Integrated variable force-feel and
control-driver actuators are also connected to the torque tube.
Jams of motion transducers or force-feel devices are cleared
by shearable connections at the torque tube. Each torque
tube has a redindant support so that control is maintained in
the event cf loss of a support.

The use of separate multiaxis controllers for the pilot and
copilot was considered but rejected because of the increased
complexity of the system, increaseC cost, the larger volume
required, and the additional weight needed to duplicate input
transducers and force-feel and to provide synchronization
between pilot and copilot controls. Such controllers are
more suitable for a single-pilot vehicle. A four-axis controller
im used at the HLH load-controlling crewman's station.

Signal Flow. Both cockpit controls and the APCS generate
con d signals in oollectivo pitch, longitudinal, lateral,
and directional axis. In addition, the AFCS wakes an input
to control longitudinal cyclic pitchl this input is program-
ed with airspeed.
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The DEL control unit electronically provides for mixing of the
axis inputs, signal limiting, and control of the swashplate
servoactuator. Figure 128 shows the detail of signal mixing
within the control unit.

Control motion transducer signals and AFCS signals are summed.
(In the conventional helicopter system this function would be
accomplished by a series actuator.) At a second stage of mix-
ing, the axis inputs are summed and limited. This limit fixes
the total collective pitch travel and cumulative lateral tilt
inputs at the swashplate. Finally, the commands to each actu-
ator are summed through gains and limits appropriate to the
actuator azimuth location. The cumulative axis and actuator
limits are sized to provide necessary control authority while
avoiding overtravel interferences in the rotor controls when
the controls are "boxed" on the ground.

Swashplate Servo Actuator. Each swashplate is supported and
controlled by three servoactuators which are almost equally
spaced in their azimuth locations. Each actuator has a con-
trol stage and a power stage which are combined in an inte-
grated design. The following paragraphs discuss the swash-
plate actuator servo loops and provide details of the actuator
configuration.

Figure 129 shows the details of the control unit/actuator in-
terface. When the actuator is at the desired position, the
power position motion transducer voltage equals the input com-
mand and the control position motion voltage is zero. If the
input changes, the control stage piston assumes a position
proportional to the error between input and output position.
The power stage valve then meters flow to produce the desired
velocity, and when the input stops changing, a new equilibrium
condition is achieved.

The two-stage design effectively decouples control and power
stages so that system redundancy may be achieved without a mis-
match in the high force power stage of the actuator.

This configuration was selected after consideration of a sep-
arated power actuator concept in which six single actuators
were force summed through the swashplate. Three of the actu-
ators would provide support for static loads while the remain-
ing would be on line, ready to assume control in the event of a
failure. All six would support the dynamic blade loads. The
configuration would allow for open failure of any one actuator
without loss of control.

This scheme was rejected because if hardover failure occurs
under adverse load conditions, the actuator must be shut down
on a timely basis or control will be lost.
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The selected integrated actuator concept allows for electrical
compensation of actuator characteristics to modify actuator/
rotor system interfaces, if required. It also allows for ready
adaption of the scheme to any aircraft having a power-boosted
control system.

Figure 130 is a top-level schematic of the swashplate servo-
actuator. The dualized power stage is rated at 30,000 pounds_
stall force, has 15 inches of stroke, and a no-load velocity
capability of 10 in./sec. The t'iree-piston design precludes
eccentric loading of the remaining channel when one system is
shut down.

Velocity of the power stage pistons is cuntrolled by a convent-
ional flow control servovalve. Motion of the power stage servo-
valve is determined by a linkage which is positioned by control
stage pistons; one control stale is normally in ccmmand, while
the others are ready to assume control in the event of a fail-
ure. Management of the three channels is discussed in the
following section.

Linear variable differential transformers (LVDT) are provided
for measurement of power and control stage motion. These are
used to close the power and control position loops. A separate
position feedback is provided for each channel. The power
stage load transducers are used to produce stall damping in-
puts. (Details of the stall damper are discussed later).

Figure 131 shows the detail of one of the control stage servos.
The electrohydraulic valve (EHV) moves the control piston at a
rate proportional to input current. It incorporates a second-
stage monitor LVDT for failure detection. The differential
pressure/bypass valve measures control stage force output and
also provides bypass of the cylinder to minimize loading of the
remaining channels when the channel is shut down. The three-
way valve removes pressure from the unit at the command of fail-
ure detection circuits. DC voltage is applied to the valve to
engage the actuator. The check valve in the return passage
enables isolation of return passage leakage in the control stage
so it does not result in loss of hydraulic fluid.

Power Supplias. Electrical power for the system while inflight
is provided by three small dedicated 28-vdc permanent magnet
generators. Ground operation is provided by switchable connect-
ions to the aircraft buses. Battery backup for startup and
shutdown is provided by connection to the aircraft batt^ry and
inertial measuring unit batteries. Power conversion units with-
in each control unit produce excitation for transducers and dc
voltages for operation of integrated circuit elements.

Dual hydraulic power supplies (Figure 132) are located at each
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Figure 130. Swashplate se,-voactuator schematic.
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rotor, and a motor pump supplies the third control stage. A
normally depressurized interconnect between forward and aft
hydraulic systems provides backup for supply failures. The
aircraft is flyable with any one of the four rotor supplies
operational.

2.18.3.1 Redundancy Management

Since no single electrical control path can provide the reli-
ability desired for the primary flight control system, multi-
ple channels must be employed. Success in the management of
these redundant channels is the key to success of the fly-by-
wire system.

An initial study in the HLH/ATC program resulted in the select-
ion of a triplex, in-line monitored, active/on-line redundancy
management mechanization; it incorporates the best features of
the two commonly used actuator control concepts, namely, active/
standby and force summation.

The means used to detect failures in the system, to compensate
for mistrack between the three channels, and to provide protect-
ion for AFCS failures are discussed in the following paragraphs.

Failure Detection. The redundant system (Figure 133) is con-
figured with three in-line monitored channels; that is, each
channel has two signal paths (called active and model) whose
performance is compared at various points to detect failures.
After each signal comparison, the outputs of the two paths may
be averaged to reduce buildup of tolerances. If the difference
between the channels exceeds a prescribed threshold, the control
stage section is shut down. Since each channel detects its fail-
ures independently, a failure in one cannot affect the others.
For example, Figure 134 shows the way that failures at the
system inputs are detected.

The dual signal path is carried to the control stage electro-
hydraulic valve input; thereafter, detection of actuator fail-
ures is accomplished by input/output monitoring of the actuator
elements. Failures in the control stage electrohydraulic valve
are detected by comparing input current to valve spool position.
These should be linearly related in the steady state. The
difference between these parameters is filtered to account for
valve dynamics before input to shutdown logic.

Electrical failures in the control stage motion and differential
pressure transducers and in the power stage motion transducer
are detected by monitoring the sum of the LVDT secondary volt-
ages. If operation is normal, this sum should be nearly
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constant over the LVDT stroke. If the primary or either sec-,
ondary is opened~, the voltage goes down. If there is a short
from primary to secondary, the voltage changes. When the
volt~age deviates mo-,e than che amount allowed by normal toler-
ances, the associated actuator control stage is shut down.

Electrical power supplies are monitored so that loss of any
one will cause shutdown. Failure of a hydraulic supply is
detected when the differential pressure/bypass valve goes to
the bypass position. At this point, the signal goes beyond
its normal dynamic range. This is interpreted as a failure
by the electronics.

Interchannel Compensation

This section discusses the methods by which the independent
channels are made to work together without a force fight at
the actuator.

The force outputs of the three control stage channels come
together at a lever which controls the power stage valve.
Since each channel has its individual gain tolerance, each
would like to position the lever in a slightly different
position. If no compensation for this condition is made, the
channels would oppose each other, and there would be a hyst-
eresis or dead-band effect in the actuator response. To
overcome this condition, two of the three control stages incor-
porate differential pressure feedback, as shown in Figure 135.

One channel is preprogrammed to be active and to coratrol the
actuator response; in the event of its failure, a second
becomes active; in the event of its failure, the third
channel becomes active. if a channel is not active, it is on-
line and has its differential pressure feedback loop closed.
Und~er this condition, the force output of the channel is
approximately zero in the steady state. The channel tracks
the active channel. (In this respect, the configurat:iLon is
like an active./standby system.) The limit in the feedback
path restricts the amount of compensation allowed to that
required for the predicted worst-case mistrack between ohannels.
If the active channel should fail and att~en'pt to move the
piston, the on-line channels will fight th~e mrotion after the
limit is reached. (In this respect, the configuration is like
a force-summed system.) In addition, the lag, filZter is in the
differential pressure feedback for abrupt failu~res of the
active channel, so they will fight immediately with'out any
motion of the piston. The force summation provides for
arresting a first failure without need to switch out the
failed channel. under normal conditions, however, the failure
is switched out by the channel failure detection, as described
in the previous section.
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Switching of the differential pressure feedback paths fs
accomplished by exchange of failure information betwe0-_.
channels. This is the only electrical connection between the
channels. Communication of failure signals is controlled in
the interchannel wiring, so that the identical control units
assume their active or on-line status as a function of posit-
ion within the system. Proper communication of failure
information is displayed on a status panel.

Coordination of the dual power stage actuator force outputs
is achieved by matching of the power valve characteristics.
The dual power stages cannot force fight- therefore, only a
passive failure such as power-supply loss is possible. With
backup for hydraulic supply failures as shown in Figure 132,
a dual power stage is adequate to meet the system reliability
goals.

2.18.3.2 AFCS Interface

The AFCS interface couples the triplex digital AFCS into the
primary linkage and limits response to AFCS failures which
occur downstream of the AFCS failure detection, so that the
AFCS cannot jeopardize flight safety. Figure 136 is a block
diagram of the interface. At the voter, the signals are com-
pared two at a time to detect failires. After a channel has
failed, its selection as the voted output is inhibited, and
a first failure indication is sent to the caution advisory
panel. The voter also selects the median signal as the out-
put. On second failure, the voter commands that a fixed
reference voltage be selected as the output and an AFCS off
signal is sent to the caution advisory panel.

After voting, the signals are passed to a velocity/authority
limit network. This network limits the downstream response
to multiple AFCS inputs. Abnormal triplex inputs could occur
through error in programming the gain or phasing of the AFCS
sensor inputs. In this case, all three computers would have
the same response so there would be no voter shutdown. The
limit network has a low authority path with direct access to
the downstream system; it alao has a higher authority path
with a rate limit which permits slow input of the signals
necessary for trim compensation. The output of the rate
limit network is subtracted from the low authority limit input
so that the low authority path output is normally at zero in
the steady state. The circuit is analogous to the combination
of stability augmentation and series trim actuators used in
existing helicopters.

First failures are switched out with no transient; on second
failure, trim inputs are ramped out at a slow rate. Limits
have been established so that the pilot has at least a one-
second delay following triplex failures and adequate con-
trol margin to fly without switching out the AFCS hardover.
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To assure synchronization between the three DELS chaniels
a shutdown command is sent back to AFCS, so that when AFCS
is shut down in any one channel, the AFCS initiates shut-
down in all channels.

2.18.3.3 Stall Damping

Power stage differential pressure is fed back to the servo
input to reduce loads in the rotor system which arise from
rotor blade stall-flutter torsional modes. These occur at
high airspeeds and in maneuvers. During stall-flutter
conditions, alternating loads are transmitted across the
swashplates to the supporting actuators at a frequency of
four times per rotor revolution.

The 4-per-rev impedances of the actuators are set by networks
in the differential pressure signal paths to provide attenu-
ation for the stall-flutter loads. Figure 137 shows the
predicted actuator stiffness as a function of frequency.
Restricted authority is allocated to the signals to limit
hydraulic flow capacity required.

The stall damper is mechanized in duplex form, separate from
the DELS. Failures are detected by signal comparison at the
DELS interface. A load monitor is incorporated as part of
the stall damper electronics. If the load sharing between
the two power stage systems differs by more than an allowed
threshold, an indicator located on the stall damper control
unit is tripped and latched as a maintenance display. This
avoids continued operation of an actuator at loading conditions
which could affect its fatigue life.

2.18.3.4 Built-In Test

Each control channel contains a preprogrammed built-in test
sequence which, when armed and initiated, sequences through
thirty tests designed to verify that the failure detection
circuits can detect a failure. The automatic sequence takes
about 25 seconds per channel. A typical test might be:
insert a failure in the active longitudinal input causing a
difference between the active and model channels to verify
that the actuator shuts down and indicates a failure. Durinq
the test, all failure monitors are made to operate. There
is no perceptible motion of the actuator during the test.

The second part of built-in test is the boxed-controls test.
During this test, the system controls are manually positioned
to bring each of the swashplate servoactuators near its full
travel. Tracking of the channels is verified by monitoring
the control stage differential pressure transducers of the
on-line channels. The boxed-controls test provides a
comparison across channels as part of the ground check. This
test complements the in-line monitoring provided by the
fault detection. 319319 •
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The final part of the built-in test is a dynamic check of the
stall damper function. A simulated 4-per-rev signal is
applied to each of the stall damper input circuits. Any
failure in the stall damper control units or input circuitry
will cause a disagreement at the channel input and a failure
indication.

2.18.3.5 System Specifications

Primary flight control system specifications are summarized
below. References 21 and 22 give detailed specifications
for the DELS and swashplate servoactuator.

* Gain Accuracy - within 2% of nominal

P Null Offset - 0.4% of actuator full stroke

"• Resolution - 0.04% of actuator full stroke

"* Hysteresis - 0.08% of actuator full stroke

"• Bandwidth - 48 rad, second order, 0.6
damping factor

"* Failure Transient - 0.lg maximum at cockpit

"* Flight Safety - 0.9999999 probability of
Reliability completing a 2-hour mission

without loss of function

"• Electronic Design MIL-E-5400P

"* Hydraulic Design MIL-H-5440E, MIL-H-5503C

Gain accuracy and null offset directly affect the match
between channels and therefore are strongly related to
allowable failure transient. As noted above, the HLH
specification limits response to 0.lg at the cockpit.
This tight specification results frc•i the need to minimize
load disturbance when working in confined areas. If larger
disturbances were allowed, gain and null accuracies could
be relaxed.

2.18.3.6 Hardware

Electronics

Control units are shown in Figure 138. Both units represent
a prototype configuration. They employ relatively large single-
side circuit cards which have ample space for modification to
suit the developmental program. Circuits are conservatively
designed and provide flexibility to change gains easilyl they
employ circuit and logic elements which have proven reliability.
An eventual production unit will employ high density packaging
in a hard mount configuration. Size and weight would be
reduced accordingly. 321
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The system control panels are shown in Figure 139. The panel,
perform the following functions:

" Built-in Test - Provides a means for selecting the test to
be performed; displays test pass/fail status and test number.

" Failure/Status - Displays detail on failure location and
active channel status.

" Monitor Panel - Displays channel failures and provides for
channel reset and built-in test arm function.

"* Longitudinal Cyclic Pitch Panel - Allows selection of
operating mode and provides manual input controls.

These panels represent a prototype approach and are well
suited to the technical development stage of the program.
In production, these function3 will be combined into a
single multifunction built-in test/reset panel located in
the cockpit. Detail failure enumeration would probably be
eliminated in favor of an indication on the control unit
displaying the line-replaceable unit to be replaced. The
electronic units were designed and built by the Aircraft
Equipment Division of General Electric at Binghamton, New
York.

Swashplate Servoactuator

The integrated swashplate servoactuator is shown in Figure
140. The pins at each side of the actuator mate with a two-
axis gimba] which is attached to the transmission. The
actuator is a prototype configuration. A production design
would be revised to increase survivability by adding features
such as jam-proof power stage valves and shearable piston heads.
The swashplate servoactuator was designed and built by the
Bertea Corporation, Irvine, California.

Cockpit Controls

The cockpit controls system was developed as part of the
HLH/ATC program (Figure 141). Control linkages were designed
and built by Boeing Vertol Company. Integrated variable force
feel/control driver actuators and the associated electronic
units were designed and built by Honeywell, Incorporated,
Minneapolis, Minnesota. The variable force-feel actuators for
the prototype were based on the ATC design except that the
prototype units were designed to have a fixed-feel charac-
teristic. The system was also modified to bring it up to
flightworthy status and to correct problems uncovered in
the ATC evaluation.
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2.18.4 Description of Automatic Flight Control System. The
AFCS consists of aircraft motion sensors, a load-controlling
crewman (LCC) controller, digital processors, and associated
control and display panels to provide stability and control
augmentation as well as selectable modes for altitude hold,
hover hold, and LCC control. The relationship between the
AFCS, the Direct Electrical Linkage System (DELS), cockpit
controls, and LCC controls is illustrated in Figure 126.

The AFCS is comprised of the flight control computer sub-
system, sensor group, control and display panels, and LCC
controller. The computer software conforms to the
requirements of the HLH Prototype AFCS functional block
diagrams (Drawing No. 301-80060).

2.18.4.1 Functional Description

Flight Control Computer Subsystem (FCCS). The FCCS consists
of triple-redundant digital flight control computers (FCC),
each with an associated input/output processor (IOP). Each
computer is programmed to perform control law, modal logic,
and sensor input processing functions. Each IOP provides
sensor conditioning, redundancy management, inter-channel
communication, modal logic, and Built-In-Test Equipment
(BITE) functions.

Sensor Groups. Sensors utilized in the AFCS are:

a. Triple-Redundant Sensors

* Rate Gyros (3-axis)

* Sideslip Measuring System

* Pitot-Static System to sense:

- Airspeed
- Barometric Altitude (Total)

• Load-Controlling Crewman Controller LVDT's (4-axis)

b. Dual-Redundant Sensors

* Reference Barometric Altitude

* Inertial Measuring Unit to sense:

- Velocity (North/South) and Velocity (East/-1,st)
- Pitch and Roll Attitude
-- Heading
- Vertical Acceleration
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C. Non-Redundant Sensors

" Radar Altimeter

" Radar Rate Adapter

" Attitude/Heading Reference System

" Magnetic Heading Adapter

control and DispLay Panels. The AFCS control and display
panels include:

0 Pilot Station - Mode Select Panel
System Test Function Panel
Caution Indicators

a Flight Engine(.ýr Station - Failure Status Panels
BITE Panel

* Flight Test Engineer Station - Parameter Change/
Display Unit

Discrete Signal Status
Panel

LCC Controller. The LCC controller is an integrated four-axis
finger grip controller to be manipulated by the operator's
right hand. This unit is designed in accordance with Boeing
Vertol Development Specification S301-10031.

2.18.4.2 External Interfaces. The AFCS is designed to be
compatible in inteMcing the following equipment and
sub-systems.

a. Cockpit Controls

0 Cockpit Control Driver Actuator (CCDA) Engage Discretes
(Triplex)

0 Parallel Drive into CCDA's - 4-axis (triplex)

0 Discrete Signals from Cockpit Controls to AFCS

- CCDA Shutdown (triplex)
- Magnetic Brake Control (triplex for each axis)
- Beep Trim Signals (simplex)

Longitudinal - forward and aft
Lateral - right and left
D.Lrectional right and left
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- Control Detent Switches (triplex)

* Longitudinal Stick Out of Detent
* Lateral Stick Out of Detent
* Directional Pedals Out of Detent
* Vertical Stick Out of Detent

- Selectable Mode Release (?1or pilot disengagement of

Altitude and Hover Hold)

- AFCS Release

b. Direct Electrical Linkage System (DELS)

* Direct Electtical Linkage Control Unit (DELCU) demodulates
pilot stick position transducer signals and transmits these
signals to the IOP's (triplex).

* AFCS differential commands to DELS Control Units - 6 signals
(Triplex): Longitudinal, lateral, directional, vertical,
forward rotor LCP, aft rotor LCP.

* Discretes for AFCS 2-fail system level and identification
of AFCS second failures by DELCU.

"* LCP engage to AFCS.

c. LCC Controller

* Four-axis, linear variable differential transformers
(LVDT's) provide signals to the IOP's (triplex).

* Velocity-drift clear discrete to IOP's (simplex).

• LCC control enabled discrete from FCCS to LCC station.
(triplex).

d. Electrical Power Systems

The AFCS is powered by the aircraft's two-generator, three-
bus electrical power supply system.

e. Flight Test Instrumentation

The flight control computers interface with a Digital In-
flight Recording System described in Specification
5301-10057, through five serial digital data transmission
lines.
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2.1G.4.3 Failure Monitorin and Signal Selection. Failure
monitoring and signal selection for the flight control computer
subsystem and the triplex sensors associated with the basic
AFCS functions utilize majority voting logic and median signal
select, respectively, prior to a first failure and automatic
shutdown, on an axis basis, upon occurrence of a second like
failure. The dual inertial velocity and vertical acceleration
signals generated in the IMU's are comparison monitored to
provide automatic modal inhibiting of the longitudinal and
vertical AFCS, respectively.

The dual-reference baro altitude sensors are comparison monitored
to provide automatic disengage of the altitude hold mode upon a
sensor failure.

The command outputs for the hover hold mode and LCC control are
authority limited to provide flight safety.

Failure status is displayed at the pilot's and flight engineer's
stations.

AFCS Performance. AFCS performance is determined by the control
laws (defined__I Drawing 301-80060) and modal logic (Drawing
301-30061) as implemented in the FCCS, the associated sensors,
and command paths to the DELS control units and CCDA's.

The AFCS incorporates single-fail operative digitel processing
and Stability and Control Augmentation System sensor groups.
The interface between the AFCS, Cockpit Control Driver Actuators
(CCDA' s), and the Direct Electrical Linkage path is shown in
Figure 126,.

2.18.4.4 Stability and Control Augmentation System (SCAS).
Stabilization and control augmentation functions of the AFCS
are provided to enhance aircraft Landling qualities. The SCAS
provides the following functions:

Longitudinal Axis - Longitudinal ground speed control response
below and airspeed response above 40 to 45 knots IAS. Automatic
longitudinal cyclic pitch (LCP) control for:

* Hover and low-speed command augmentation.

" Air speed plus barometric altitude trim soheduling.

Vertical Axis - Vertical Rate Control Response.
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Lateral Axis

" Below 40-45 knots IAS - Lateral ground speed control
response.

" Above 40-45 knots IAS - Attituade command for bank angles
between +10 degrees; for greater bank angles, roll rate

command with attitude hold (automatic turn coordination).

Directional Axis - Turn rate response below and sideslip
response above 40 to 45 knots IAS. Heading hold capability
is provided at all airspeeds.

Longitudinal Cyclic Pitch (LCP). The pilot is provided with
manual LCP control whi€ch shal1 individually commiand forward
and aft rotor longitudinal cyclic pitch.

2.18.4.5 Selectable Modes. The AFCS incorporates selectable
altitude and hover hold modes and limited-authority LCC
control in hover and low-speed flight. The LCC ground taxi
mode provides for limited authority control in the longitudinal
axis.

Altitude hold capability is provided for operation throughout
the flight envelope. Opi - ,tion in this mode utilizes parallel
drive of the pilot's col. ctlve stick to maintain the selected
altitude.

The hover hold mode provides an inertial-velocity-referenced
horizontal, radar-altitude-referenced vertical, and gyro-
referenced heading hold capability. Limited-authority LCC
control may be enabled with the hover hold mode 7!ngaged.

2.18.4.6 Redundancy Management. The computer subsystem provides
redundancy management of sensor inputs and computer outputs as
follows.

STriplex Redundant Sensors. The computers each median-vote
and select one and the same sensor input channel. Failure
in any channel causes a switchover to averaging of the two
remaining "good" signals. Failure in any channel is
detected, isolated, and reported on the pilot's caution
panel and on the Sensor Failure Status Panel.

Dual Redundant Sensori. Dual sensor inputs are averaged.
A fa'ire in either input stores the last valid average
output. The failure is reported on the pilot's caution
panel and the AFCS Failure Status Panel.
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Single Sensors. Single sensors are interfaced with the
triplex system via authority limits. As single sensors
are associated with selectable control modes only, the
pilot can manually deactivate that mode upon sensor
failure.

SComputer Outputs to DELS Control Unit. The redundant
computer commands to the DELS Control Unit are majority
logic voted in each IOP. Analog outputs from each IOP are
input directly to the corresponding DELS Control Unit.

0 Computer Output to CCDA. The redundant computer commands
to the CCDA's are majority logic voted in each IOP. Analog
outputs from each IOP are input directly into the CCDA
electronics.

2.18.4.7 Hardware

Hardware for the prototype AFCS was that used during the HLH
ATC. In addition, a new air data sensor was procured.
Details on changes to the ATC hardware to adapt it to the
prototype system configuration are given in the following
paragraphs.

Input/Output Processor

Add CCDA shutdown discrete inputs (one for each axis).
Required for synchronization of AFCS parallel drive signals
upon CCDA axis failures.

" Add auto/manual LCP select discrete input.

* Replace dual-refercnce barometric altitude (low gain)
sensor inputs with triplex total barometric altitude inputs.
Modify failure detect and signal select functions.

"Provide output discretes and system test monitor circuitry
for BITE test of dynamic pressure (air speed) and total
barometric altitude sensors.

* Add discrete inputs for LCC taxi mode select.

* Modifications for redundancy management loss of AFCS
function equipment failures (as defined in S301-10065,
Table I).

* Inhibition of modal logic functions associated with those
AFCS selectable modes not required in the prototype
aircraft, i.e., load stabil.zation, precision hover trim,
and auto approach to hover.

* Added load weight signal.
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Flight Control Computer

* Eliminate latch on computer power failure indication LED
drive signal.

AFCS Mode Select Panel

* Add LCC taxi select switch in space located on panel face.

* Added CCDA reset capability. *

Sensor Failure Status Panel

* Add triplex "total baro" LEDS.

Discrete Signal Status Panel #1

* Add individual landing gear ground contact status LEDS.

Motion Sensors

• Carousel C IV, Inertial Measurement Units - Increased from
1 to 2.

* ASN-76, Attitude/Heading Reference Systems - Decreased from
3 to 1.

. Strapdown Vertical Accelerometers - Decreased from 3 to 0
(replaced by dual outputs available from IMUs).

Air Data Sensor

The units supplied by Rosemount, Inc., provide linear airspeed,
total barometric altitude, and reference baro altitude outputs.
The single package design, which incorporates the three sensor
outputs to AFCS, is a modification of an existing Rosemount,
Inc., 542AD-type transducer, which is a proven solid-state
design, utilizing a capacitative pressure-sensing capsule
designed for precision air data measurements.

The principal features of this unit include:

Linear dc, single-ended output voltages, proportional to
indicated airspeed (IAS) (airspeed shall range from 0 to
200 kts.), geopotential altitude (h), and altitude deviation
(Ah) from a commanded reference point within the full range
of geopotential altitude.

* Linear dc, single ended ouput voltages, parallel to and
buffered from the signal outputs of indicated airspeed
(IAS), geopotential altitude (h), and altitude deviation
(Ah), for coupling into the flight test instrumentation
system. 333



*Automatic BITE capability to check out the circuitry
functions of indicated airspeed (IAS) and geopotential
altitude (h). Command signal provisons shall be issued
from the AFCS in the form of high-level dc discretes
(28 vdc/open) as separate commands for each function.
The BITE capability shall check all circuit functions,
excluding the capsule, for each of the specified signals.

*Manual BITE capability to check out the circuitry
functions of altitude hold. Command signal shall be
from a momentary switch located on the unit, initiation
of which shall command altitude hold mode followed by a
step perturbation in reference altitude, to be held for
as long as the switch is depressed.

Radar Altimeter

Analysis indicated that the problems experienced during the
ATC flight testing due to radar altitude spiking can be
compensated for in computer software processing. The employ-
ment of improved complementary filtering on both the radar
altitude and altitude rate in conjunction with software
rate limiting and increased IOP sensor filtering acting on
the altitude input should considerably improve altitude hold
over grass and other uneven surfaces in hover flight.

Results of investigations into the feasibility of modifying
the APN'-194 radar altimeters to compensate for external load
interference indicated potential solutions to be beyond the
scope of the current prototype program in terms of schedule
and cost. Analytical and simulation studies were defined to
evaluate complementary filtering and switching techniques to
compensate for those dynamic situations where the load inter-
mittently swings into the antenna lobe.

The radar antenna installation on the prototype aircraft was
modified to improve altimeter performance while conducting
cargo handling operations with long cables. The change
included:

a. Replacement of the standard APN-194 circular
antennas with the APN-171 rectangular units
with more narrow cone angler.

b. Canting the antennas 16.5 degrees, forward edge
upwith respect to the reference water line.
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AFCS Test Set

Modifications to update the test set to conform to the proto-
type system requirements include:

Removal of six switches no longer required and their
replacement with four new switch signals on the discrete
control panel.

Revision of the triplex J6 panels to delete the pitch, roll,
and yaw rate gyro BITE jacks, to add total baro altitude,
and to revise the airspeed jacks (changed from A.C. to D.C.
signals) .
Revision of labeling and wiring for 11 jacks on the J9

discrete monitor panel.

2.18.4. 8 Software

Flight Control Law Design

The flight control laws fzJ the prototype AFCS are based on
the ATC system design as configured at the con'clusion of the
Task III flight testing, Changes with respect to this base
line are dictated on onc of two bases:

a. Differences between prototype and ATC system requirements.

* Deletion of Hover Hold on PHS, Load Stabilization,
Auto Hover Trim and Auto Approach to Hover modes.

' Addition of an LCC Taxi mode and incorporation of
LCP speed trim into the digital flight control
computers.

• Added load weight input.

b. A number of problem areas relating to handling qualities
were identified during the Task III flight test. Those
items which impact on the prototype system are summarized
in Table 32 along with the solutions being considered
at time of termination.
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TABLE 32. AFCS CONTROL LAWS - PROBLEMS/SOLUTIONS CONSIDERED

PROBLEM SOLUTION

SCAS - Longitudinal

1. Control margin & outer loop Add parallel input thru
authority limits in steep Cockpit Control Driver
flares. Actuator (CCDA) to drive

stick forward.

2. Airspeed hold @ 60 kts, Adjust velocity feedback
level flight & turns, gains and airspeed

schedule.

Bank angle cross feed into
longitudinal axis
scheduled by airspeed and
washed out.

3. Trimmability in hover. Improved CCDA performance.

Beep trim will be avail-
able to pilot thru Hover
Hold Mode.

4. Variable beep trim. Different levels for hover
and forward flight
switched by airspeed.

SCAS - Vertical

1. Radar altitude hold Auto switch to baro for
inhibit above 45 knots. A/S>45 kts and modal logic

L38BQ true. (Required for
hover over a ship where
pilot manually selects G/S)

2. Radar altitude and rate Signal conditioning filter
spikes. changed from 4.3 & 21 Hz

to 0.5 and 2.1 Hz break
points.

Rate limit on radar
altitude (8 fps).

Improved complementary
filter. Change barosensor filter from
3.12 Hz and 3.21 Hz to
2.2 Hz and 2.1 Hz.
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TABLE 32. (Continued)

P ROBLEM SOLUTION

SCAS - Vertical (Cont'd.)

3. External load interference Complementary filter on
with radar altimeter radar altitude and
operation. vertical acceleration.

Cant antennas further
forward.

4. Radar Altimeter failure. Frequency splitter (soft-
ware).

Rate limiter on radar
altitude.

Complementary filter on
radar altitude and
vertical acceleration.

Radar and baro altitude
comparison & signal
selection.

5. Collective pumping in Rate limiter on altitude
turbulent air. error.

Improved complementary
filter.

Altitude hold thru
longitudinal axis.

6. Altitude deviation during Increase parallel drive
low-speed turns. gain, possible with new

CCDA hardware.

7. Transmission overtorque. Dynamic suppression as
provided for radar
altitude failure.

Very low frequency
suppression in forward
flight by altitude hold
through longitudinal axis.
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TABLE 32. (Continued)

PROBLEM SOLUTION

SCAS - Lateral

1. Velocity mode switch Inhibit lateral velocity
during turn maneuver mode transfer when mode
results in lateral transfer threshold
differential cmd. loss exceeded.
and control offset.

Limit output from
velocity mode transfer
switch to provide control
margin for damping.

SCAS - General

1. Control detents - Implement detents -
rigging shifts. 4 axes - in software.

2. Airspeed local flow Signal conditioning
anomalies, filters changed from

13.6/7.9 Hz to
1.3 and 1.2 Hz.

Software preprocessing
of sensor input.

Hover Hold

1. Pilot override and beep As defined in prototype
trim with Hover Hold modal logic, L-11,
engaged. dated 12/5/74.

2. Drift clear transients Latch drift clear
and selection. operation until G/S

errors decay.

3. LCC Lateral Control Increase controllerResponse. lateral travel.

Modify controller
command shaping.

4. LCC control authorities Longitudinal and lateral
sufficient for shuttle increase to 12 to 15 kn.
operation.

Vertical - reduce from320 to 240 ft/min.

Directional - remain
at 8 deg/sec.
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TABLE 32. (Continued)

PROBLEM SOLUTION

Hover Hold (Cont'd.)

5. Lateral backdrive Improved CCDA performance
hangup during turns. permits increased parallel

drive gains.

Feed lateral LCCC as
proportional drive into
CCDA.

6. Roll oscillations Gains as a function of
with external load. load/gross wt.

Manual - set in A
values prior to flight.
Manual input load
discrete through PCDU.

339



Modal Logic Configuration

Ground Contact (L-l). The requirement for the indication of
nose gear contact has been deleted, as any operation of the
aircraft with the nose gear only in contact requires the AFCS
to be in the flight mode. Also, the requirement for all
three gear to indicate ground contact in order to enable LCC
taxi has been changed to require a single (main) gear only.
This simplification is permissible as pilot procedures will
preclude selection of this mode until the aircraft is at rest
with all gear on the ground.

Hover Hold (L-11). A problem with L-11 has been that the
pilot cannot retrim the aircraft without disengaging the hover
hold mode. Thus, if he does attempt to retrim in one axis,
a transient response or drift ntay occur in all three axes by
the time hover hold is manually re-engaged. The proposed
change is to provide individual axis interrupt of the mode
when the pilot force-trims or moves his control out of detent.
During the interrupt, basic SCAS response is provided and the
hover hold is re-synchronized. Also, actuation of the beep
trim will provide a series retrim through the hover hold
loops. The extent of this change is such that its implemen-
tation will require the fabrication of new Mode Logic #3
boards. The impact of this change is presently being
evaluated by General Electric.

Longitudinal Cyclic Pitch Engage (L-37E). An output has been
added to the Automatic Longitudinal CycliL Pitch (LCP) engage
modal logic function (L-37E) to turn on the LCP OFF light on
the pilot's annunciator panel if auto LCP is selected, and
either a dynamic pressure or a barometric altitude second
failure condition exists.

Redundancy Management Action for Sensor Failures

Automatic shutdown actions to be taken following loss of
function sensor failures have been re-evaluated. The
following changes have been defined relative to Table I
of S301-10065, Rev. A.

3
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REDUNDANCY MANAGEMENT ACTION
FOLLOWING FAILURE

COMPONENT OLD ACTION NEW ACTION

Airspeed Ramp to zero last valid Store last valid air-
longitudinal differen- speed input to DCP
tial command to DELS. control path.

Ramp to zero last valid Store last valid air-
LCP command to DELS. speed input to LCP

speed trim schedule
generation.

Total Ramp to zero last valid Store last valid
Barometric LCP command to DELS. altitude input to
Altitude LCP speed trim

schedule generation.

These changes, which tend to minimize the aircraft transients
subsequent to the defined failures, can be implemented in the
flight control computers with essentially no increase in the
software required.

2.18.5 Development Status

This section describes the status of flight control system
development when the stop-work order was received.

The system hardware was undergoing preliminary airworthiness
substantiation (PASS) testing. The cockpit control system
had been installed in the prototype aircraft.

Testing underway included system integration in the integra-
tion test facility and environmental testing at vendor
facilities. The integration facility is described along with
status of each subsystem.

2.18.5.1 System Integration Test Facility

The system integration facility provided for room temperature
integration of all system hardware.

Overall Plan

Figure 142 shows a plan of the facility. SVtem electronic
control units and panels were arranged into -,;he U-shaped test
area shown at the top of the figure. Cockpit:controls and
the swashplate servoactuator loading fixture were located
to provide visual contact between system input and output.

341



AFCS
DELS

FILE-,--4
COCKPIT,,
CONTROLS 

'CapEK7

SYSTM L DESK I

SERVO- INTEGRATION
ACTUATOR LASLOADING TEST STASED

_ _ _ F IX__ U_ RFh jT PHAS ER

BENCH .•HLH PROTOTYPE, HYDRAULIC

• SYSTEM SIMULATION

HYDRAULIC YOAUI

SUPLY S UPPLY
SWASHPLATE 

LOAINF7 IACTUATOR UP

400-Hz
STORAGE GENERATOR

.•LABORATORY

.IRCUIT BREAKERS • 8D
.. I- JevocJPOWER

Figure 142. Flight control system integratioi test facility floor plan.

342



In addition, the loading fixture was mounted on a dynamic
isolator centered over a main structural I-beam to preclude
coupling alternating loads into other parts of the building.
This location allowed retention of the 347/HLH integration
stand in the room.

The flight control hydraulic systems were simulated by a
circuit made up of aircraft switching valves and pressure
switches and other components necessary to simulate the
functions of the real system. Power was supplied from a
laboratory source. The system was used to power the single
swashplate actuator which was connected hydraulically as an
aft actuator. The remaining actuators were simulated elec-
tronically.

Verification of the real hydraulic power supply performance
was accomplished in a separate integration test conducted
by the hardware supplier. In this case the supply powered a
dummy load representing three swashplate actuators. Noisy
power generating equipment was located in an adjacent room.

Detail Equipment Relationships

Figure 143 shows the relationships of equipment within the
test facility. The primary flight control path is shown in
the lower portion of the figure.

The cockpit control system is that developed during Phase IV
of the HLH ATC program. For the prototype configuration,
force-feel/control driver actuators were updated to correct
problems found in the ATC program and to make the actuators
flightworthy. They had been originally designed for labur-
atory use only. Also the wiring of components (not shomn)
on the control test stand was revised to reflect the aircraft
configuration. The development of the cockpit controls is
described in Volume II of the ATC report (Reference 8). The
PRCS electronics includes:

- DELS Control Unit - processes inputs to drive the
swashplate actuators

- Stall Damper Unit - processes load feedback from the
swashplate actuators to damp 4/rev loads

- Force-Feel/Control Driver Electronics - processes
commands to drive the cockpit controls in -esponse
to commands from the AFCS

- Hydraulic System Control Unit - cuntr'ols operation
of the hydraulic system interconnect and ground
power input valves in response to logic devioCne
within the hydraulic system (including pressure
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switching, ground power interlocks).

The swashplate servoactuator loading fixture provides for:

- Simulation of the transmission mounting foot and
swashplate interface to allow installation of the
swashplate actuator with its gimbol

- Simulation of the actuator dynamic load including:

a. Swashplate mass

b. Blade torsional stiffness

c. Blade mass

d. Blade damping

The blade stiffness term is provided by a torque tube
which interconnects the swashplate and blade masses.
Windup in the torque tube is limited by a mechanical
stop which also includes a friction device to vary
damping (structural dampening is assumed to exist in
the specified actuator model). The friction device
assures this ilvel will be available if not provided
by lower inherent values in the mechanism.

- Input of dynamic loads via a loading actuator attached
to the swashplate mass. This feature was used for
evaluation of stall damping function and variation of
actuator stiffness as a function of frequency.

The Automatic Flight Control System (AFCS) has access to the
PFCS via a rate- and authority-limited interface (reference
Section 2.18.3). Stabilization signals are transmitted from
the AFCS input/output processors (IOP) to the DELS control
vnit and force-feel/control driver electronics. The IOP also
accepts control position signals from DELS. Other inputs
handled by the IOP are as listed in paragraph 2.18.4.1.
AFCS control laws are processed in the Flight Control digital
computers. The integration test stand has provisions for
evaluation of all sensor and discrete inputs. The 3-axis rate
gyro packages and side3lip stabilization transducers can be
seen in Figure 143.

Controls, display, and test equipment for the systems were
located on panels located in the consoles. Equipment used
for DELS and AFCS pilot interface and maintenance has been
described previously. In addition the test stand included
the follcwing facilities:

347



PFCS Test Provisions

- AFCS Inputs Simulator - allows for control of AFCS
inputs to DELS, provides for sinusoidal and bias
inputs. It is used to check operation of the interface
before integration of DELS and AFCS.

- Swashplate Actuator Simulator - provides for electronic
simulation of six swashplate actuators. When the real
actuator is operating, the simulator represents the five
remaining actuators. The unit also contains electron-
ics to drive the swashplate loading actuator.

- Hydraulic Control Panel - this is4 the pilot's interface
panel found in the cockpit

- Hydraulic Simulation Control - interfaces with hydraulic
circuit and allows operation of system discrete inputs
such as landing gear switch. Allows simulation of
ground power on vs. in-flight power, etc.

- Electrical Power Simulation - allows simulation of
various operating modes of the electrical power
supplies.

AFCS Test Provisions

- System Test Function Panel - used for in-flight input
of step, ramp, and pulse inputs to the AFCS

- Parameter Change/Display Unit

- Discrete Signal Status Panel

- Electrical Power Simulation - contains circuit
breakers as provided in the aircraft installation-
Allows shutdown of selected portions of the system.

Hardware Status at Stoppage

- Primary Flight Control System

* DELS Electronics

Electronics and control panels had copleted
environmental testing except for salt fog test.
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Failures during testing were:

- Light- emitting diodes used for display failed
temperature and humidity tests.

- Random failure of an operational amplifier
during vibration.

- Component failures on circuit boards of stall
damper. Board modified to stiffen, then passed
test.

- Wire failures in stall damper during vibration.
Added clamp to restrain bundle and passed test.

None of these failures were considered critical to
system function. Light-emittinq, diodes are used for
indication only. Must be improved for production.

All hardware had been delivered.

"Force Feel/Cockpit Control Driver System

- Completed temperature attitude and vibration
satisfactorily.

"- ATC actuators had been returned to Honeywell for
update to prototype configuration. A program
was also established to modify all actuators to
mechanically set the force gradient and de-
activate the force-feel motors.

Swashplate Actuator

- Completed the first phase of fatigue testing.
Other tests not started at termination.

- Low amplitude 13 Hz limit cycle was present
in closed loop performance.

Program for actuator modification was underway.
Modification included modification of control stage
pistons and linkage to reduce friction and backlash.

- One actuator had been returned for a leak in the
control stage piston. An additional test was to
be added to check for leakage by measuring
control stage force output in response to input
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- One actuator had a sheared main ram feedback
probe during acceptance test at Bertea. The
LVDT body collapsed on the probe. Resolution
was not made before stoppage.

- There was a potential difficulty in removal of
the actuator. Trial installations were planned
to develop a method.

Integration Testing

Integration had been completed through evaluation
of the actuator with full dynamic model. There
were no major problems other than the 13 HZ
limi3t .

Selection of stall damper gains was in process.

Automatic Flight Control System (AFCS)

One system of computer IOP and panels had been
received and was being checked on the test stand.
The second system was at GE ready to ship.

The first air data modules were in acceptance test
at Rosemont.

I
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3.0 INTEGRATED LOGISTIC SUPPORT SYSTEM DISCIPLINES

3.1 Maintainability

Maintenance Engineering Analyses (MEA's) were prepared through-
out the prototype program. A total of 278 MEA's were prepared
out of an initial estimate of 293. The MEA's were added to
T301-10202-1 "HLH Prototype - Maintenance Engineering Analysis
Data Summary Report" which was revised on a quarterly basis.

3.2 Safety

System safety activities were conducted on a continuing basis
throughout the duration of the prototype program. Subsystem
hazard analyses were conducted and Safety Problem Action Re-
ports (SPAR) prepared. Fr.,ty-one SPAR's were issued for
identified problems and each was closed out following correct-
ion of the problems. Safety statements were issued quarterly,
which reported on all system safety activities.

3.3 Reliability

Quantitative reliability objectives established for the ATC
components applied to the prototype aircraft. No reliability
objectives were established for non-ATC components which were
not representative of a production configuration.

3.4 Logistics

The Contractor Recommended Support Plan , S301-10025, described
the supply, facilities, test facilities, personnel, and training
activities associated with the prototype program.
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