AD-AQ09 847
PROCEEDINGS OF THE INTERNATIONAL SYMPOSIUM ON AIR
BREATHING ENGINES (2ND), HELD IN RANMOOR HOUSE,
SHEFFIELD UNIVERSITY ON 24TH-29TH MARCH 1974

Sheffield University

Prepared for:

Office of Naval Research

March 1974

DISTRIBUTED BY:

National Technical Information Service
U. S. DEPARTMENT OF COMMERCE




SECOND
INTERNATIONAL SYMPOSIUM
| ON AIR BREATHING ENGINES

24th/29th March 1974
SHEFFIELD, ENGLAND 1 =

& E? MAL &5 1975 q
i | ILJ‘ls.JL:..o'\...JL.Jw u L..;!j
| PROCEEDINGS A~

]

.I{

1

E uuuuuuuuuuuu CETAT TN
% NATIONAL TECHNICAL s W o T R

E, INFORMATION_ SERVICE s (s ke 0
B o sngl 4 R RAANP B gn il By Dhishipe  Seinoteld b VA. 77777 \ ]: nid

% . e

:

' ]

)

v -__J.'“_‘ £



Best
Available
Copy




. —_

T e e

S A AT AT T R

FOREWORD

2nd I1.5.A.B.E. held in Ranmoor House,
University of Sheffield

24th-29th March 1974

President of the Symposium: Air Cdre. F.R. Banks, CB, OBE,
HonCGIA, CEng, HonFRAeS,
RAF (Ret'd).

At the successful first meeting of I.S.A.B.E. in Marseilles
it was resolved to renew the Symposium in 1974 and the task
was entrusted to Dr. J.P. Gostelow, University of Cambridge
and Dr. J. Swithenbank, University of Sheffield, at whose
request the Royal PReronautical Society undertook to
organise I.S.A.B.E. II. A British organising committee was
set up by the Society early in 1973. 1In October 1973 the
organising committee submitted its proposals for the
Symposium to a special meeting of the International

Commi ttee of I.S.A.B.E. held in Sheffield at which the main
arrangements were aareed.

At the first I.S.2A.B.E. meeting in Marseilles it was felt

by many of the people attending or concerned with its
inception that it would be an advantage on future occasions
for an international specialist meeting of this type to be
co-ordinated with other allied activities in the international
aeronautical field. An international meeting to discuss this
aspect was held at the Royal Aeronautical Society in December
1972 at which it was agreed that this could be best achieved
by incorporating I.S.A.B.E. within the activities of the
International Council of the Aeronautical Sciences (I.C.A.S.).
Confirmation of the sponsorship of I.S.A.B.E. by I.C.A.S.

was received in the Spring of 1973.

At the business meeting held during I.S.A.B.E. II under the
chairmanship of Dr. A.M., Ballantyne, Member of the Council
of I.C.A.S., it was agreed by the delegates that this should
be the pattern for future meetings of I.S.A.B.E. and that

on future occasions I.C.A.S. should request the appropriate
national aeronautical bodv to undertake the organisation of
the Symposium,

I.S.A.B.E. II (Sheffield 1974), held under the distinguished
presidency of Air Cdre. Banks, was attended by about two
hundred delegates from nearlv twenty countries. Forty six
pavers were presented and are reproduced in this volume of
the Proceedings.
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We were to have been honoured by the presence of Professor
Maurjce Roy, Honorary President of I.C.A.S. but as, unfort-
unately, Professor Roy could not attend he sent the following
message of goodwill to the Symposium,

"Last year I had the pleasure to inaugurate by a special
lecture the meeting of I.S.A.B.E. I, organised in Marseilles
by the Director of the Institute of Fluid Mechanics in this
city of South France, my colleague and friend, Professor

J. Valensi.

This year I welcomed with a great pleasure as I.C.A.S.
Honorary President the very kind invitation of the Organising
Comrittee of I.S.A.B.E. II to say a few words during the
Banquet, firstly expressing the regret of the I.C.A.S.
President, Dr. J.J. Green to be unable to be here and
secondly expressing the interest of the scientific and
aeronautical communitv of I.C.A.S. for this second I.S.A.B.E.
meeting and the hest wishes of the same I.C.A.S. for the

full success of the Sheffield meeting.

Unfortunately one unforeseen commitment has oblig
recently to stay in Paris at the same time. Permit me
consequently to express to all of you my very deep and
sincere regret of being unable to attend as contemplated
this Sheffield meeting.

Permit me also to say that the location of I.S.A.B.E. II in
the vicinity of a long world-famous centre of research,
development and production of air-breathing engines and jet
engines appears to me a very significant and favourable
choice for the wished success of this second I.S.A.B.E.
meeting.

Finally permit me to thank again the Organisers for their
very kind invitation to me and say my best personal regards
to all of you."

In conclusion the organisers would like to acknowledge the
financial grants by the U.S. Army, Air Force and Navy
agencies to Sheffield University as contributions towards
the running of the Symposium.

R.R. JAMISON
Chairman,
I.S.A.B.E. Organising Committee

Organising Committee

Dr. R.R. Jamison, Chairman

Dr. J.P. Gostelow

Dr. J. Swithenbank

Mr. M.G. Farley N

Miss Maureen Michael ) RAeS Conference
Miss Rosemary White ) Secretaries
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THE CF6-6 ENGINE - THE FIRST MILLION HOURS

Paul C, Setze
Aircraft Engine Group - General Electric Co, (USA)

INTRODUCTION

The initiation of high by-pass ratio turbofan engines, of which the CFo6

-6 is an examnle, into con.mercial airline service, provided many new
dimensions in operating characteristics and maintenance technology for
the airlines of the world, The very physical size of these engines, the

amount of energy stored in their rotating components, the temperature

and pressure levels at which they operate, all required new techniques

and new philosophies on the part of the engine operators,

The high by-pass ratio turbofan engine offers the user airlines many
advantages over the previous generation of commercialtransport engines,
One of the most outstanding of these advantages is its much superior

fuel economy, Other major advantages include: 1) better thrust to

weight ratio, 2) ease of maintenance,and 3) easy thrust growth, The
significant improvement in cruise fuel consumption and engine thrust to
weight obtained with this new generation of engines is shown graphically
on Figure 1.

This paper traces the General Electric CF6-6 engine from its initial
conceptual stages through the first one million hours of commercial
airline service; achieved approximately two and onc half years after
initial service introduction of the engine, From the time of the first
design layouts, the CF6-6 was designed specifically for commercial
airline service, Although the CF6-6 is derived from the military TF39
engine (the powerplant for the Lockheed C5A military cargo/transport),
many changes were incorporated to increase the suitability of the
engine for airline service,

The desired high thermodynamic cycle efficiencies require high tem-
peratures and pressures which in turn required the development of new
high temperature materials and cooling techniques, Also required
were new design techniques to maintain these high pressures in struc-
tures that were of sufficiently low weight to make the engine competitive
in the evolving commercial environment of the late 1960's., These
engines also require tighter tolerances and closer clearances of rotat-
ing parts becausc leakage of air at these high pressures represents a
more significant effcct on the overall cycle performance than does the
leakage of air at the lower pressure levels of the previous generation
of jet engines, These new materials, new design techniques, new
tolerances and new clearance levels required a lot of rethinking on the
part of the airlines with regard to maintenance philosophies and

practices, 12<



The introduction of these families of engines altered the concept of main-
tenance being conducted on a fixed overhaul time to maintenance based
on engine condition, This means the engines are flown until inspection
or measured performance shows that a part requires maintenance, At
that time the engine or part is removed and appropriate maintenance
performed, With this new concept of maintenance intervals, intro-
duction into a system designed around fixed overhaul times required

new planning on the part of the airlines in order to accept these engines
into their existing maintenance systems,

Once certified, introduction of the CF6-6 engine into initial service went
very smoothly, Only major technical problem, to be detailed later,
occurred during the first year of operation, Immediate action to re-
solve the problem was initiated and retrofit programs established and
implemented. The entire (then) existing fleet of two hundred and sixty
engines was retrofitted in approximately four months without a single
aircraft departure delay due to lack of an engine, Cycle performance

of the engine in service has truly been excellent, Deterioration as
measured in terms of increases in specific fuel consumption or exhaust
gas temperature has met all expectations, Mechanical performance has
also exceeded expectations, Life limiting components, as shown by
initial service, have been identified and at the present time all user air-
lines have programs underway to introduce improved components that
will result in further increases in engine life and reliability in airline
service,

INITIAL CONCEPT AND DESIGN

The CF6-6 engine as originally envisioned in 1966-67, was to be a

30, 000 pound thrust class engine for a three engine airbus concept
being studied by a number of airframe manufacturers, During the
initial airframe studies and concurrent discussions with the airlines,
the size and gross weight of the aircraft continued to grow until the
thrust requirements approached 40, 000 pounds, By this time the air-
craft thrust requirements were sufficiently defined so that the final
engine requirements and specifications could be established, All data
at this time indicated that the proper thrust level for the CFb6-6 engine
was approximately 40, 000 pounds or 33% larger than originally en-
visioned,

With the thrust level established, it was then possible to define an
engine optimized for commercial airline service within a number of
specific design requirements. These requirements were established
for the following areas: 1) engine weight, 2) fuel consumption at take-
off, 3) climb and cruise thrust ratings, 4) performance deterioration
{based upon increase in specific fuel consumption and exhaust gas tem-
perature), 5) maintainability, 6) installation ease and interface defini-
tions, 7) operational characteristics, 8) growth capability and 9) oper-
ating cost. Once established, these requirements were collected and
reviewed for inconsistencies, The engine preliminary design thus
resulted, This preliminary design was based in large part upon the
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technology derived from the TF39 engine, which at the time the CF6-6
program was initiated, was conducting early fligi:t tests in the Lockheed
C5A, Detail discussions were held with potential airline users of the
CF6-6 to incorporate into the design requirements that the airlines
required in an engine scheduled for use in the 1970's,

At the time the design requirements were formulated, it was felt that
the key to providing a successful engine for airline service revolved
around improvements in fuel consumption, maintenance ease and in-
creased parts life, From a marketing standpoint the airlines would
expect significantly more extensive warranties on the engine and parts
than had heretofore been provided, This made necessary the establish-
ment of stringent requirements on both parts life and engine mainten-
ance costs, The component lives that were established as requirements
are shown in Table 1, It was necessary to meet these requirements in
order to obtain the level of reliability and operating costs that were
established as primary goals for the engine,

TABLE 1

TYPICAL COMPONENT LIFE REQUIREMENTS

Expected Life

Component Life Requirement In Service

H.P, Comp. Rotor 30, 000 cycles 30, 000 cycles

H.P. Turb, Rotor 25, 000 cycles 6,300/27, 000 cycles*
Fan Rotor 30, 000 cycles 24, 000 cycles
Combustor 15, 000 cycles 2,000/8, 000 cycles*
HPT Static Parts 12, 000 cycles 12, 000 cycles
Frames 35, 000 cycles 35,000 cycles

HPT Blades 12, 000 cycles 8,000 cycles

*Design/Rework defined to obtain improved life shown,

The initial design parameters for the CF6-6 are shown in Table 2 com-
pared to similar parameters for engines that were designed and that

entered service in the late 1950's and 60's., An additional column shows
what was actually achieved by the CF6-6 at the time of certification and
also represents the average performance of production engines shipped

to date,
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TABLE 2

CFo6-6 DESIGN PARAMETERS

CJ805-23 CFob-0 CFo6-6
Parameter Certified 1960 Requirement Actual
Takeoftf Thrust-1bs, 16, 100 40, 000 41, 300
Takeoff SFC-1bs/hr/1lb 0.56 0,354 0,348
Cruise SFC-ibs/hr/lb 0.92 0.0633 0.62
Thrust/Weight-ths/br 4,1 510 5,4
Acceleration Time-sec t 5 4.1
Fan Stall Margin-% 15 1t 1.5
EGT Margin-9C 10 20 L3
Takeoftf Noise-EPNdb* 110 106 99
Side Lince Noise-EPNdb* 111 107 Yo
Approach Noise-EPNdb* 12 107 102

¥ For CIB05-23 in CVI90 Aircratt at 253,000 1b, gross weight,
For CF6-6 in DC10-10 Aircraft at 430,000 1b, gross weight,

Improved tucl consumption was the primary reason for going to the high
by-pass ratio concept and was therefore a primary goal in the initial
design, The next objective was to provide the airvlines with an engine
that could be ecasily maintained both installed in the aivceraft and in the
airline maintenance shop, In order to assare that this objective was
met, the airlines who had purchased the CFo-6, were made a part of
the design and development team,  The airlines assigned personnel from
their maintenance and enpginecring departments to werk with the CF6-6
design engineers and requirements engineers to arvive at a number of
the concepts that eventually were pat into the final engine design,  This
design and development team met quarterly throughout the development
program to report progress and problems, and to assuare that the air-
line needs were being both understood and incorporated into the desipn
of the CFo-6, The engine that resalted is shown on Figure 2, 1t con-
ststs of @ single stage fan of 8o.4 inches in diameter with an overall
pressure ratio of 1o at takeott power, Attached to the fan disk 1s a
single booster stage that supercharges the air entering the core,  The
core engine consists of 4 1o stape high pressare compressor with o
stages of variable stators and variable anlet gaide vanes, a tall annular
combustor with thirty pressare atomizing fucel nozzles, a 2 stape air
cooled high pressure turbine and a & stage tip shrouded low pressure
turbine, The turbine thrust reverscer attaches to the turbine rear
frame as part of the basic engine assembly,

In keeping with the concept 0 Jrding an engine that was casy tor the
airlines to maintain, twoan o eatures were incorporated into the
engine,  The first of these as the modalar concept that permitted major
enpine modules to be changed cither wn the wing or an the maintenance
shop with a minimum expenditure of labor required, Once exchanged,

the removed modale could then be disassembled for the required repair,
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The basic modules of the engine (see Figure 3) consist of the fan module,
the core module, which i:.~ludes the high pressure compressor and com-
bustor, the casing of which forms the compressor rear frame, the high
pressure turbine module, the low pressure turbine module which in-
cludes the turbine mid and rear frames, and an accessory module, Any
or all of these modules can be replaced in a very short period of time

so that the module requiring repair can be maintained as a separate
component, Ccmplete module interchangeability between engines is
possible,

The second of these features involved the mounting of the fan thrust
reverser on the aircraft pylon rather than on the engine, The reverser
is attached to the pylon with hinges and is split along the bottom center-
line permitting the reverser to be unlatched along the bottom, By
swinging it upward, there is complete accessibility to the engine on the
wing (see Figure 4) which also allows removal from the aircraft while
leaving the fan thrust reverser installed, This concept alone has re-
duced the .mount of labor required to maintain the CF6-6 engine in
service .y approximately 5 to 7 percent,

The requirement pertaining to performance deterioration in service was
aimed at achieving long time on-the-wing performance, The specific
requirement was to establish adequate margins for fuel consumption
and exhaust gas temperature (see Table 2) on new engines as shipped
from the factory and repaired engines as they leave the maintenance
shop. This also established the requirement for component design
details and efficiency levels that would be relatively insensitive to the
normal in service '"wear and tear'', Because of its on-condition main-
tenance concept, provisions are in the engine to permit case of in-
spection during periodic preventive maintenance so that it could be
determined when a part was deteriorating to the point where removal
of the engine or the module containing the part might be necessary to
perform maintenance, For example, internal parts of the engine are
inspected by means of a borescope through borescope ports which are
strategically located at every stage in the compressor, at several lo-
cations in the combustor and at every stage in the high pressure and
low pressure turbine, Borescope inspection of all major engine com-
ponents assures the engine is capable of maintaining its in-service
status and will provide good operational reliability until the next
scheduled inspection,

CERTIFICATION PROGRAM

The certification test program (see Figure 5) included over 3, 000
factory engine test hours, Certification of the engine occurred in
September 1970, This test program is continuing today and is meeting
a commitment to the airlines to stay two years ahead of the high cycle
engine in service with an engine in the factory test fleet,
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The airline personnel assigned to the development program also played
a part in the creation of our factory engineering test and certification
plans, Previous experience with the CJ805 and othe r commercial and
military engines and experience brought by the airline customers in-
dicated that parts life in the field was more dependent on the number of
flight cycles than it was on the number of flight hours, For that reason,
a simulated airline cycle was defined that was used during most of the
factory endurance testing in order to best describe in the factory, types
of experiences that would be seen when the engine went into airline ser-
vice, This cycle, which consists of operating the engine at various
power settings used in a single typical airline flight, is shown on Figure
6. This cycle, which takes approximately fifteen minutes, simulates
one complete airline flight, Such testing has proven to be very accurate
in determining problems on the engine that are cyclic oriented, as most
in-service problems are,

During the certification program, flight testing of the CF6-6 engine was
accomplished with the DC10 series 10 nacelle design mounted on the
in-board pylon of a Boeing B-52 aircraft (see Figure 7)., This program
completed 143 flight test hours and provided invaluable data for the
certification program on engine inflight operation and performance,

Prior to certification the engine initiated flight test on the McDonnell
Douglas DC10 series 10 aircraft in July 1970, This flight test program
covered more than 1, 500 flight test hours or 4, 500 engine hours, From
an engine operational standpoint, the flight test program was essentially
uneventful, Very few problems were discovered that required any
modification to the engine during this phase of the program,

In addition to the amount of factory test hours indicated earlier, a
number of other tests were conducted prior to certification to assure
that upon introduction into service, a high level of reliability would be
obtained, These tests included component test of: 1) gearbox; 2) major
control and accessory components; 3) combustor and 4) heat transfer
tests on the turbine cooling systems, Results of these tests were sub-
mitted to the FAA in support of the certification program.

An integral part of the certification and follow-on component improve-
ment program was to develop procedures for the repair of engine
components for use when the engine entered airline service, Through-
out the development program, parts from engines that had run signif-
icant endurance hours or cviles were sent to the repair development
shop for the development of repair procedures, Parts were then
repaired following these procedures and reinstalled in endurance
engines to continue on the evaluation and test program,
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INITIAL SERVICE EXPERIENCE

Initial service experience with the CFb6-6 engine was probably the best
ever achieved for a new commercial production engine, First revenue
service started in August 1971 with American and United Airlines,
Through the first 80, 000 flying hours there were no major problems,
The in-flight shutdown rate and premature removal rate was outstanding
and the engine generated broad airline acceptance,

A major problem occurred in mid-1972 after about 80, 000 hours., The
problem was the result of an oil fire in the turbine mid-frame or '"C"
sump section of the engine, The cause was attributed to a loss of oil
scavenge from the sump which permitted oil to leak into a high temper-
ature area in the frame surrounding the sump causing it to ignite, This
burning oil overtemperatured the structure of the low pressure turbine
rotor and in two instances caused sections of the aft portion of the
engine to become separated during flight,

An accelerated engineering investigation of this problem revealed that
a feature incorporated into the engine to improve the maintainability of
the turbine mid-frame was the cause, A flange had been placed in the
scavenge line from the C sump, This flange, because of restricted
space inside one of the turbine mid-frame struts, was not adequate to
provide good sealing during all engine operating conditions, The
scavenge line was surrounded on the outside by high pressure air, and
when the flange leaked high pressure air entered the line starving the
oil scavenge flow and causing the sump to flood, Flooding of the sump
permitted oil to pass through the seals and enter the high temperature
cavity in the frame and ignite. Several design changes were introduced
when the cause of the problem was determined to assure that the pro-
blem would never occur again, These design changes included not only
the elimination of the flange in the scavenge line, but also the addition
of lover temperatnre air in the cavity surrounding the sump so that even
if the sump did leak oil, the temperature would be low enough to pre-
clude a fire,

A retrofit of this jackage of fixes was initiated in November 1972, just
6 months after the first incident occurred, and was completed on the
entire fleet of DCI0 aircraft by the end of March 1973, This retrofit
was accomplished without a4 single delay or cancellation of a revenue
flight due to lack of engines,

Performance of the engine in this arca since the introduction of these
changes has been flawless, In over 700,000 flying hours, not a single
repeat of this problem has occurred, Once this problem was solved,
service experience with the engine continued to be quite good,
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CURRENT EXPERIENCE

At the present time the average age of the 284 CF6-6 engines in service
is about 4, 000 hours, The age and cycle cistribution are shown on
Figures 8 and 9, As the in-service engines increased in age, some
problems associated with high time could be seen, The most severe
of these problems was combustor dome and inner shell life, Exper-
jence has shown that these parts have an average in-service life of
between 2500 and 3500 hours, below the age considered necessary for
satisfactory in-service life, As the first signs of combustor distress
appeared, a program was initiated to improve the inner shell and dome
of the combustor, This program, completed in early 1973, involved
material and structural modifications and was packaged with several
other changes to improve life, Airline agreement was obtained to
introduce these changes starting in late 1973, Incorporation of these
changes is currently underway and should be completed by early 1975,
It is expected that, when completed, these changes will solve all
identified problems that might cause premature engine removals in a
time of less than 4, 000 hours, thus continuing the high level of relia-
bility for the engine in service,

A continuing repair development program in cooperation with the air-
lines is proceeding according to plan, In service, parts are not always
wearing out in exactly the same manner as the initial factory develop-
ment program predicted, With the assistance of the airlines, repair
procedures are being developed and the repaired parts reinstalled in
service engines, This program to date has been extremely successful
and will ultimately show a significant reduction in overall engine oper-
ating costs to the airlines,

A number of inspections are required to be conducted by each airline to
assure the FAA that the engine and airline is capable of going '‘on-
condition''. These '""threshhold inspections'', as they are called, were
conducted at 500, 1500 and 3000 hours by each major airline user,

The CF6-6 has passed each of these inspections with ease, and the FAA
has approved the engine for a complete on-condition maintenance pro-
gram without any fixed overhaul time for either the engine or any of its
components,

The engine entered airline service with life limits established for only
five parts that were below the design requirements, In each of these
cases, the parts were limited by low cycle fatigue based on factory test
experience, Factory testing after certification revealed a life problem
of a low cycle fatigue nature on two other parts and as a consequence,
life limits were placed on these parts as well, Design changes to im-
prove the low cycle fatigue life of each of these parts are now available
and in each case involve a rework of the existing part rather than re-
placement, Programs have been agreed to with each airline to remove
these parts prior to the time that the life limit is reached, Upon re-
moval the parts are reworked and placed back in service. In each

19<



case, the part returned to service will meet its initial design objectives
in terms of low cycle fatigue life, Referring back to Table 1, the last
column shows component lives actually demonstrated either by factory
test or achieved in service to date, The components that are indicated
to have less than the objective lives in actual service, have modification
programs underway to retrofit field engines, These components, shown
in the table, are indicated by an asterisk,

A program is underway to inspect high time engine parts as they come
into the airline maintenance shops to allow the carly identification of
problems. This will permit the solution to be available prior to the
time that a marked increase in failure rate occurs,

Since passing the 4, 000 hour point in service life, no new problems have
occurred that were not seen prior to this time, Although it is incon-
ceivable that this trend will continue, it leads to optimism regarding

the continued service experience with the engine, As the engines have
grown older, the premature removal rate has increased, but it is
anticipated that with introduction of the modifications discussed earlier,
this trend will be reversed and the engine will level out at a very
acceptable premature removal rate,

IN SERVICE PERFORMANCE

With respect to engine performance, the average engine as shipped new
from the factory exceeds its guaranteed performance levels by the
amount shown in Table 3,

TABLE 3

ACTUAL CF6-6 PERFORMANCE

Guarantee Actual Margin
Takeoff Thrust-1lbs, 38, 900 40, 100 3.1%
Takeoff SFC-1bs/hr/1b 0.357 0.352 1.5%
Max, Cont, SFC-lbs/hr/lb 0,355 0.348 2.8%
Exhaust Gas Temp, -°C -- 840 65

The CF6-6 engine uses fan speed as a measure of thrust being produced,
As the engine deteriorates in service exhaust gas temperature (EGT)
rises at constant fan speed. When EGT reaches the limit established
for the CF6-6 (915°C) the engine must be removed from the aircraft
and maintenance performed to recover the performance lost, In ser-
vice experience to date with respect to performance deterioration has
been quite good during the first million flying hours. Figures 106 and 11
show the amount of performance deterioration with respect to cruise
fuel flow and exhaust gas temperature margins that have been observed
to date, With the exhaust gas temperature margins being obtained on
new engines as they are shipped from the factory, experience shows
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that for the average engine the exhaust gas temperature limit will not be
exceeded during the first 4,000 - 6, 000 hours of on-wing operation,
Similarly, fuel flow is deteriorating at about the same rate, As ex-
pected, the most rapid deterioration occurs during the first 1, 000 to
1,500 hours of operation after which the rate of deterioration levels off
considerably, The deterioration that occurs during the first 1, 000 to

1, 500 hours of operation is the :esult of the rotating parts wearing in,
seals opening up and clearances are increasing, After this point, the
clearance increase and wear rate slows significantly,

Currently underway is a program with the airlines on performance
recovery aimed at determining which components contribute most to
performance deterioration in service and what modifications to these
components should be made during routine maintenance to recover the
performance lost in service, It appears the major contributor to per-
formance loss is the high pressure turbine, with the high pressure
compressor being a lesser contributor, Engines are being tested after
significant airline scrvice to determine which parts of these components
are the primary cause of the performance deterioration, As a result
of this program procedurces for module repair that recover lost perfor-
mance will be established,

AIRLINE PRACTICES

As shown earlier, the engine was designed for the replacement of major
engine modules with the engine installed in the aircraft., Airline pre-
ference to date has been to remove an engine from the aircraft and
perform the module replacement in the maintenance shop rather than
perform the change on the wing. The major reason for this has been
aircraft scheduling in revenue service, A number of very successful
replacements of both fan modules and low pressure turbine modules
have been accomplished on the wing, however, The time required to
accomplish these module exchanges has been well within the time
initially predicted for module replacement,

All of the CF6-6 features to simplify periodic maintenance have done
the job for which they were intended, The airlines make maximum use
of borescope and other inspection features, As a consequence, the on-
condition maintenance program has proceceded without any problems,
The engine has proven itself to be extremely simple to maintain with a
very low maintenance labor requirement,

One problem observed to date is that the airlines tend to let the engine
mechanical deterioration go beyond the most economical point for the
performance of maintenance, As an example, scheduled borescope
inspections of the combustor show the first signs of distress very
clearly, and the deterioration rate is well established, However, it
has been the tendency of the airlines to continue to keep the engine in
service until the combustor deterioration reaches a point where sec-
ondary damage (usually in the turbine section) occurs, This results in
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a much more expensive failure in terms of labor and parts replacement
costs than would have occurred if the airlines had removed the engine
for combustor replacement sooner, Programs are currently underway
with the airlines to work out in detail their on-condition maintenance
program to assure that the most economical operation of the engine is
the end result,

FUTURE DIRECTIONS

With todays emphasis bein'g placed on the energy shortage and the
resultant desirability to obtain better fuel consumption, there is cur-
rently underway component improvement programs that will further
improve the fuel consumption margin obtained with new engines c
engines that receive major maintenance in airline shops. Once these
improvements are incorporated, further reductions in engine fucl
consumption, both during initial operation and after maintenance
actions arc expected,

CONCLUSIONS

In general, the introduction of the CF6-6 into commercial airline
service and its operation through the first one million flight hours
has proceeded smoothly, Itis felt the reason for this was initial
design requirements aimed directly at commercial service and close
coordination with the airlines during the initial design and development
program, The concept of on-condition maintenance is working and
although both the engine manufacturers and the airlines have a lot to
learn regarding the operation and maintenance of high by-pass ratio
turbofan engines, the inherent advantages of these engines have re-
sulted in meecting the expectations of both the manufacturers and the
users,
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Figure 2 CF6-6 Engine Cross-scction
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HYDROGEN AS A TURBOJET ENGINE FUEL--
TECHNOLOGICAL, ECONOMICAL AND ENVIRONMENTAL IMPACT

D.T. Pratt, K.J. Allwine and P.C. Malte
Washington State University, Pullman, Washington, USA

Abstract

The present energy crisis has created an increased level of con-
cern with respect to availability of petroleum fuels within the next
decade. This consideration, together with the fact that turbojet
engines are a significant and increasing contributor of NOy and other
pollutants, led to a critical examination of the technological, econo-
mic and environmental considerations of using hydrogen (LH2) as a jet
engine fuel. In addition to reviewing U.S. literature on technolo-
gical and economic considerations, an assessment is made of combustion
and pollutant kinetics of hydrogen in supersonic and hypersonic air-
craft engines, by means of a perfectly-stirred reactor model. Con-
clusions are drawn concerning the short, mid-term and long-range
possibilities of adapting aircraft to hydrogen fuel.

Introduction

The motivation for examining the technological, economical and
environmental impact of hydrogen ?specifical1y 1iquid hydrogen, LH2)
as an alternative fuel for jet aircraft arises primarily from four
considerations:

1. Decreasing availability and increasing cost of hydro-
carbon fuels.

2. The quest for an environmentally "clean" fuel.

3. Anticipation that the present fossil fuel economy
may eventually ?e superseded by a nuclear-based
energy economy.

4. The need for fuels with desirable prop?rsies for
future hypersonic commercial aircraft. (2

For purposes of this paper, no attempt has been made to address

these issues on a worldwide basis; only U.S. sources of information
have been utilized.

Air Transportation and the Energy Crisis

Within the United States, air travel is the major passenger
carrier between cities. In 1970, the airlines accounted for 77% of
U.S. intercity revenue passenger mileié and airlines now carry more
than 91% of transatlantic passengers. ) Tremendous growth has been
predicted in interurban (80-800 km), long-haul (domestic) and
general aviation, as shown in Table 1. The largest potential of all
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is anticipated for air cargo, in spite of 1ts low energy efficiency.
Also by 1985, there will be a need for larger aircraft carrying about
800-1000 passengers, and the freeznyﬂd air carrier fleet will have
grown from 5100 to 8300 uircraft. (4 ¢

\
Enplaned Passengers
(millions)
1969 1985
Intraurban
(0-80 km) 13 38
Interurban
81 331
(0 o) Cargo Originating Tons
Long-Haul - o (millions)
iy 1969 1985
Long-Haul
International 13 75 Cﬁlgo 3 2
General
Aviation 219 394

TABLE 1. Air Transportation in the United States. 1969 Actual
Demand, 1985 Projected Demand. (Ref. 4)

In 1970, aircraft consumed 13% of the total energy used in the
U.S. transportation sector, and by 1985 that figure is expected to be
about 18%. Table 2 shows the energy consumption in 1970 and projected
1985 figures f?r aircraft, total transportation and total U.S. energy
consumption.(5

10' J/year

1970 %* 1985 %*

Alrerast 2,3 3,2 5,4 3,8
Tran;gg;}ation 17,7 24 30,4 22
Un1t$gtg%ates 73,3 100 141,2 100

*Percent of total U.S. consumption

TABLE 2. Aircraft Energy Consumption in the United States in
1970, and Projected in 1985, (Ref. 5)
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During the early part of 1973, ies fuel shortages began to dis-
rupt the operations of some airlines. During the latter half of
1973, international conflict and resultant oil price increases and
supply reductipns seriously affected the availability of fuels manu-
factured from the middle distillate fraction of o1l (home heating fuel,
gasoline, diesel and jet fuel.) The present "energy crisis" is of
course symptomatic of a larger disease: the ever-increasing demand in
the U.S1 for energy of all kinds; total consumption increased from

35 x 10)8 J/y 1n 1950 ;o gs X 1018 J/y 1in 1960, and skyrocketed to

72 x 1018 J/y in 1972(7.8 Table 3 indicates the distribution of
energy sources in the U.S.; 1t is clear that even with increased
imports of oil, coal and nuclear energy will occupy a larger position
in the future U.S. energy picture.

1018 J/year
ENERGYASOURCE 1970 1975 | 1980 | 1985
Domestic 011 23,9 24,5 25,2 25,0
Import 011 6,5 14,9 23,1 3a,7
Domestic Natural Gas 23,8 21,7 19,3 15,4
Import Natural Gas 1,1 1,7 4,0 6,2
Syngas -—=- 0,4 0,7 1,1
Coal 13,8 18,0 22,7 28,6
Hydroelectric 1,9 2,7 2,9 2,9
Nuclear 0,4 3,6 9,5 19,8
Geothermal cee- 0,5 0,7 0,9

TABLE 3. United States Projected Energy Demand by Source Through
1985. (Ref. 7)

The shift from dependency on fossil fuels is inevitable, and
alternate fuels for aircraft must be developed. It is doubtful that
storage batteries and motors or nuclear power will ever be widely
applicable to aircraft, so a 1iquid synthetic fuel appears to be
an attractive possibility. Liquid hydrogen (LH2) has a high energy-
to-weight ratio and burns cleanly with no carbon monoxide and no un-
burned hydrocarbons, but with some nitric oxide which can be con-
trolled to very low levels by properly designed combustors. If
hypersonic (above Mach 3,5) turbojet ajrcraft are developed for air
trans?ggtation systems in the fqﬁyré, LH2 is clearly the most suitable

fuel. <8<



Hydrogen Economy

In the "hydrogen economy" concept, all of the energy required
by the economy is generated in central power stations, with hydrogen
as the primary mechanism for transporting energy. Nuclear energy
(fission and eventually fusion) is expected to become the primary
source of energy with support from solar, geothermal and hydro-
electric sources.

One proposed scheme envisions offshore nuclear plants of 50 GW
generating capacity electrolyzing sea water to form hydrogen and
then piping the 1iquified hydrogen to distribution centers to be used
as a fuel for transportation, industrial and home applications, or
for conversion back 1n§o electricity by fuel cells or by conventional
steam power plants. (10

Hydrogen has a history of use in the U.S. space program and in
industrial applications. Several large electrolyzer plants exist now
for supplying hydrogen to the ammonia and fertilizer industries.
Pipelines carrying hydrogen over distances of up to 80 km are in
operation in the Houston, Texas area. In the Ruhr area of Germany a
hydrogen delivery pipeline network extends for 210 kT Much of this
network has been in continuous operation since 1940. )

Liquid Hydrogen as a Jet Engine Fuel

Properties of LH2 are compared with a conventional hydrocarbon
Jjet fuel, JP-4, in Table 4.

Property LH2 JP-4
Density (g/cm°) 0,0708 | 0,773
AH_ (kd/q) 121,4 42,9
AH_ (W/1) 8,58 | 33,16
Freezing Pt. (°C) -259,20. -60
Boiling Pt. (°C) -252,77 | 121/288

TABLE 4. Thermochemical Properties of Liquid
Hydrogen and JP-4. (Ref. 13 and 14)

In 1956, Pratt and Wh1t??¥ Aircraft successfully ran a con-
verted J57 jet engine on LH2. ) The excellent mixing and com-
bustion characteristics of hydrogen were exhibited in single-can
burners with simple axial tube injection. Acceptable burner can
discharge temperature profiles (pattern factorsg and combustion
efficiencies (99+ %) could be obtained with about one-quarter the
axial length required for hydrocarbon fuels. The very wide
flammability 1imits of the hydrogen-air mixtures permitted stable
engine operation with a combustion chamber temperature rise of less

L% .
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than 110°C. The excellent heat transfer characteristics permit long
combustion-chamber 1ife and satisfactory operation of gears and
bearings without conventional lubrication.

In 1957, NASA's Lewis Research Center installed an LH2 fuel
system on a B-57 airplane and successfully operat&? one of its J65
turbojet engines at a flight speed of Mach 0,72. A ram air heat
exchanger was used to gasify the LH2 and helium was used to pressurize
the fuel tank and purge the fuel system. Though not measured during
flight, ground tests showed that the specific fuel consumption of the
J65 engine using JP-4 fuel was 2,73 times that when hydrogen was used,
in ?ood agreement with the ratio of the heat of combustion of the two
fuels.

Future air transportation looks toward aircraft of supersonic
transport size flying at Mach 6. At these hypersonic speeds,
a fuel is required which has both a very high energy content for
engine performance and a heat-sink capacity sufficient to cope with the
thermal environment experienced at hypersonic speeds. Liquid hydrogen
has about 30 times the ?Sst-sink capacity of JP-4, since JP-4 cannot
be heateg beyond 190°C. An optimum range study for hypersonic
flight(2) revealed that a Mach 3 LH2-fueled airplane has a greater
range than a JP-fueled aircraft by more than 30 percent.

0f course, disadvantages also exist, primarily the problem of
in-flight LH2 storage. Since LH2 has about one-quarter the energy
per unit volume of JP-4, it requires four times the volume for the
same total energy content. The cryogenic nature of LH2 adds to the
problem of building 1ightweight fuel tanks for aircraft use. Wing
tanks do not appear to be feasible. A recent study of LH2 feasibility
for aircraft suggested that the upper-lounge lobe of a Boeing 747
"jumbo jet" could Be extended the full length of the fuselage to
provide a 6,8 x 10° 1itre fuel tank.(l

Production and Cost of Liquid Hydrogen

If all of the U.S. fuel requirements for airplanes_in 1970 had
been supplied by LH2, a production capacity of 52,8 x 103 t/d (metric
tons per day) would have been required. The total LH2 production
capacity in the U.S. at that time was 1?? f/d with the largest plant
having a production capacity of 54 t/d. Using existing liquifi-
cation te?hnglogy, plants having a capacity as large as 227 t/d could
be bui1t.(15) However, a single HST flying 8046 km (5000 miles) ? ?ay
at Mach 6 would consume 91 t/d (3.4 million gallons/day) of LH2.(16
Obviously, the U.S. LH2 production capacity will have to increase
significantly if LH2 is to become marketable as a jet fuel.

The most economical method of producing LH2 at present is by
steam reforming with hydrocarbons, which costs about 0,18 $/kg. The
cost of producing LH2 by electrolysis in 1971 (not including mar-
keting and distr1bution{ was about 0,44 $/kg. However, with pro-
duction geared to the HST system, an e1ectro1¥t1c LH2 plant with a
capacity of ;%68 t/d could be competitive.(13 According to Petergon
and Waters!! » the cost of LH2 will be about 0,33 $/kg ?2.7 x 10~
$/J) early in the introduction of the hypersonic fleet. The early
1973 cost of jet f?el delivered at the aircraft was about 0,05 $/kg
or 1,3 x 10-9 $/J.(6) Figure 1 shows the relat vg energy cost of LH2
compared to jet fuel during the past ten years.(2

30« .



Transportation, Handling, and Storage of Liquid Hydrogen

The transportation, handling, and storage technologies for LH2
are well developed and 1ittle further technological development is
necessary for safe and efficient handling of significantly greater
amounts of LH2.

Transporting of LH2 is done by highway transport and railroad
tankers. In the U.S., highway transports of 50 x_103 1itre (13000 gal)
capacity are commonplace ??g some special 75 x 104 highway transport
trailers have been built.(18) Railroad tankers with 100 x 1031 capa-
city and some with 130 x 103 capacity are in common use, Boil-off
losses of 0.25% per day can be expected from the 50 x 103 1itre capa-
city highway transports, with less for the larger vessels.

Vacuum-jacketed transfer lines for LH2 have been built with in-
side diameters of from five to fifty centimeters and lengths up to a
few thousand meters. Operating pressures in these 1ines are as high
as 138 bar (2000 psi). At the Nuclear Rocket Development Station in
Nevada, L?Z has been transferred at rates up to 133 x 103 1/min(35000
gal/min), 18) At this transfer rate, 1,6 hours would be required to
deliver the LH2 fuel to an HST for one 8000 km flight using one
delivery line.

Also at the Muclear Rocket Development Station in Nevada,
vacuum-jacketed, perlite-insulated LH2 storage vess?1s have been built
with capacities of up to nearly two million 1itres.(18) Boil-off for
such dewars is of the order of 0,05% per day; the holding time is
greater than 5 years. The cost of dewars of this size is roughly
0,50 $/1 capacity. No further developments would be required to build
dewars of this type up to eight or nine million litre capacity. For
non-vacuum jacketed storage, dewars of up to tens of millions of
litres capacity should be capable of being fabricated by current
techniques.

Aircraft Liquid Hydrogen Fuel Tanks

As already mentioned, onboard storage of fuel LH2 is a
problem due to its cryogenic nature and its low energy per unit
volume. The wide flammability limits of hydrogen also present a
serious problem. Witcofski of the U.S. NASA-Langley Research Center
as??ssed t?e fuel containment problem as related to an HST as
follows:

"Containment of the 1iquid hydrogen fuel requires con-
sideration of safety aspects as well as minimization of the
heat transfer to the fuel. Because of the wide flammability
range of LH2, the space between the tank wall and the outer
skin of the airplane will 1ikely by purged with an inert
gas, such as nitrogen.

Unless the purge gas 1s prevented from coming into
contact with the cold tank wall, cryopumping will result,
causing high heat transfer to the fuel. Attempts to con-
struct flight weight, vacuum-tight shells around the
tanks have proved unsuccessful. If the fuel tanks are
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housed with a 'hot structure' airplane, two layers of
external tank insulation might be used."

Witcofski also discussed the use of slush hydrogen (50% 1iquid/
£0% solid) as a means of decreasing fuel volume (14% reduction com-
pared to LH2) and significantly reducing in-flight fuel boil-off.

One proposal for subsonic aircraft is the addition of cryogenic
outboard w}ng tanks which, as a safety measure, could be released if
necessary.(10) Further research is definitely needed in this
area, and whatever finalized tank design is arrived at will dictate
wh:t hHZ production storage and distribution facilities will be re-
quired.

Safety of Liquid Hydrogen Use

Public skepticism concerning the safety of hydrogen, due in part
to the widely publicized explosion of the dirigible "Hindenburg" in the
1930's, must be overcome before hydrogen will have public acceptance
as a jet engine fuel. Lar?e segments of the public are probably
unaware that synthetic fuel gases designated "producer" gas, "manu-
factered" gas, "oil" gas, "water" gas, and "town" gas, commonly con-
taining from 15-85% hydrogen, were formerly distributed to residences
in cities in many countries with relative safety. 18) Gaseous hydro-
gen has also been used safely for years in f?8T1ca] processing, heat
treating, and the food processing industry. Large quantities of
LH2 have been used safely in the U.S. space program.

Following is a compariion of some properties of hydrogen and its
dangers relative to methane:(18

1) Hydrogen's shorter quenching distance makes it
more dangerous than methane (0,06 cm vs. 0,25 cm). (Quench-
ing distance is the distance between surfaces that will
Just permit a flame to pass without being cooled to
extinction.)

2) Hydrogen's lower ignition energy makes it more
dangerous than methane (0,02 mJ vs. 0,3 mJ).

3) Both hydrogen and methane are non-toxic.

4) Hydrogen has a higher diffusivity than methane
(0,634 cm/sec vs. 0,20 cm/sec) which causes it to leak
faster, but also to dissipate faster.

5) Hydrogen has a wider explosive range in air
(4-75%) compared to methane (5-15%), but the lower ex-
plosive 1imit is the one which must be avoided, and this
is essentially the same for both fuels.

6) Hydrogen has a higher ignition temperature
than methane (858 K vs. 811 K) which makes hydrogen less
dangerous than methane.

7) Hydrogen does not produce the toxic combust-
jon products carbon monoxide and smoke.

s



The handling of 1iquid hydrogen for expanded commercial appli-
cation will not be difficult as long as exist na safety standards,
regulations, and specifications are followed.\19) The extremely low
temperature handling and potential leakage problems are reco?gbfed;
equipment can be designed and personnel trained accordingly. It
is interesting to note that a spill of 2 x 103 litre (500 gallons) of
LH2 in an unconfi?ed area will diffuse to a non-explosive mixture in
about one minute.(19)

Combustion and Pollution Characteristics of Hydrogen

The reduced environmental impact of jet aircraft fueled with
LH2 results because hydrogen is the "cleanest burning" of all chemical
fuels. A LH2-fueled aircraft would emit no carbon monoxide, no car-
bon dioxide, no particulate matter, and no unburned or partially
burned hydrocarbons. It will be shown presently that oxides of nitro-
gen NO (NO and NO,) can be significantly reduced since hydrogen can
be sta 1y burned a% extremely lean fuel/air ratios in turbojet com-
bustors. Formation of ammonia, NHy, the other possible pollutant
resulting from hydrogen/air combusgion. is not chemically favored
under fuel-lean conditions.

LH2-fueled aircraft would significantly reduce urban/near-
airport pollutant loadings. Airports are now known t? be significant
and concentrated area sources of pollutant emissions,(21) due to air-
craft taxi, takeoff, and larding approach operations.

A potential environmental/health danger connected with world-
wide SST operations involves the possibility of stratospheric ozone
depletion due to reaction with aircraft-emitted NO_.(22) Depletion of
stratospheric ozone would cause increased amounts 8f hazardous short-
wavelength radiation to reach the earth's surface. Therefore, the
major reduction in NO, emissions achievable with LH2 should have an
important impact on tﬁe environmental acceptability of stratospheric
commercial flight. Low NO, emissions can be achieved by injection of
prevaporizad LH2 into a we*l-stirred, near-homogeneous combustor
primary zone. Due to the wide flammability 1imits of hydrogen, it
can be stably burned at far lower fuel/air ratios and correspondingly
lower flame temperatures than conventional jet fuels. Intense back-
mixing and turbulent stirring in the combustor primary zone, together
with hydrogen's high diffusivity, further minimize NO, formation by
eliminating fuel-rich hot spots. Pre-mixing of fuel and air could
achieve even further homogeneity, but it will probably not be nece-
ssary.

Figure 2 presents measurements made by the authors of temper-
ature and_NO, concentrations resulting from hydrogen-air combustion in
a 67,4 cm3 volume laboratory jet-stirred reactor, which features
the intense turbu]e? ?ackm1x1ng required for steady-flow, fuel-lean,
Tow NO, combustion, (23

In Fig. 2, the increase of temperature and NO, with increasing
m/V (decreasing residence time, T = pV/m) indicates mixing controlled
combustion while decreasing T and NO with increasing hm/V indicates
chemical-kinetically controlled combustion The highest value of
m/V measured for ¢ = 0,310 corresponds to incipient blowout; blowout
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was not achieved at ¢ = 0,575 due to temperature and fuel supply
system 1imitations.

In addition to a well-stirred primary zone, a conventional
turbojet combustor must have a secondary zone following the primary
zone to ensure complete combustion, improve the uniformity of the
temperature profile entering the turbine, and to cool (by dilution)
the product gases to allowable turbine inlet temperatures (ca. 1250 K
for non-cooled blades). The relatively slow kinetics of NO, formation
cause the NOy to be largely "frozen" in the secondary zone so that
NOx concentrations in the exhaust are reduced below primary zone
values due to dilution alone, and therefore may exceed equilibrium
v$1u§s based on local temperature and pressure by orders of mag-
nitude.

With hydrogen as a fuel, however, a secondary zone may not be
necessary; the primary zone may be operated at the overall or exit
value of uniform fuel/air ratio, thus enabling low flame tem-
peratures equal to the turbine inlet temperature (and correspondingly
low NO, concentrations) throughout. In addition, hydrogen/air
kinetics are so rapid compared to hydrocarbon/air kinetics that
combustion efficiencies greater than 99% may be achieved in the
primary zone for residence times as low as five milliseconds.

In Fig. 3, results of computer calculations are shown for the
intensely stirred primary zone of a hypothetical turbojet combustor
at typical §§T cruise conditions: Mach 2,7 flight at 20km
altitude,(24) assuming an 88% effiiiegt inlet diffuser, and
compressor pressure ratio of 13,5.(25) These calculations employed
the adiabatic perfectly-stirred reactor (PSR) calculational model(23)
wit? the hydrogen/oxygen combustion kinetic mechanism of Jenkins et
al.(26) and two NO, formation kinetic mechanisms: Zeldovich NO, kine-
tics, and an NO, formation mechanism including N20 production and de-
composition.(277 Comparison of Figs. 2 and 3 for similar temperatures
and residence times or m/V values, at low fuel/air equivalence ratios,
shows much higher NOy for the computer predictions. This is due to
the increase in NO, with increased pressure from 0,93 bar (Fig. 2)
to 16 bar (Fig. 3). Also shown in Fig. 3 are the predicted com-
bustion temperatures for a range of fuel/air equivalence ratios
from 0,1 to 0,6. For the range of residence times plotted, reactor
blowout was not approached, and consequently the predicted combustion
temperatures were always very close to the corresponding equilibrium
adiabatic flame temperatures shown. At t = 10 msec. combustion
efficiency was 99%, while at t = 1 msec, this decreased to 96%.

At ¢ = 0,2 and for T = 5 msec (typical conventional turbojet
combustor primary zone residence time), Fig. 3 shows NO, ~80 ppm.
Dilution with air (1100 K temperature) to reach a turbine inlet
temperature of 1250 K then yields a combustor emission of approximately
20 ppm NO,. If the combustor primary zone residence time is reduced
to 1 msec by shortening the primary zone length, stable, efticient
combustion of hydrogen still obtains, and NO, emissions at combustor
exit are reduced to 13 ppm. On the other hand, if a higher fuel/air
equivalence ratio of ¢ = 0,6 is used, which gives a primary zone
temperature of 2470 K, (typical of current combustors), then for a §
msec primary zone residence time and with dilution to a turbine inlet
temperature of 1250 K, the N0, emission is about 900 ppm.
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The extreme nonlinearity shown in the NO, predictions of Fig. 3
is due in part to the fact that at combustion temperatures below
2000 K, the N20 kinetic mechanism for NO, formation dominates, while
above 2000 K ghe Zeldovich kinetics control NO, formation. Another
reason for this nonlinearity is non- equilibrium combustion: super-
equilibrium concentrations of oxygen atoms, and other combustion
radicals (OH and H), are predicted by the PSR model, even though
essentially equilibrium flame temperatures are calculated. Oxides
of nitrogen formation for intensely stirred combustion is dependent
on the first or second power of O-atom concentration. However, for
an actual intensely stirred combustor, such as required for a homo-
geneous (no hot spots) turbojet combustor primary zone, 0-atoms
cannot at this time be predicted accurately, due to the lack of quan-
titative knowledge of the interaction between chemical kinetics and
turbulent mixing. The PSR analysis 1ikely predicts maximum NOy levels,
since maximum super-equilibrium O-atom concentrations--an order of mag-
nitude above corresponding equilibrium concentrations--are predicted.
For example, PSR calculations corresponding to the data shown in
Fig. 2 give NOx concentrations greater than measured by a factor of
2 to 4. However, this comparison between theory and experiment also
indicates that non-equilibrium combustion phenomena (i.e., super-
equilibrium 0-atoms) are indeed mainly responsible for the measured
NOx levels. While the PSR predictions in Fig. 3 may be two to four
times greater than actually occurring, the trends shown are probably
correct. The NO, predictions of Fig. 3 show the advantage of using
a fuel such as hydrogen which can be burned stably, with good com-
bustion efficiency, at very fuel-lean conditions and short residence
times in a homogeneous turbojet combustor primary zone.

Conclusions

The future of 1iquid hydrogen LH2 as a jet engine fuel depends
on the following interrelated factors:

1) The role of airplanes in future transportation
systems. ..whether or not to build SST's and HST's.

2) Detailzd research and development efforts con-
cerning cryogenic fuel tanks, slush hydrogen,
1iquid hydrogen handling and storage, ground
operations, and production volume geared to
airlines.

3) Continued environmental problems due to com-
bustion of hydrocarbon fuels.

4) Public acceptance of hydrogen as a safe fuel.

5) Fuel economics, actions of governments, and
future energy developments.

6) Airlines' interest in sgarching for alternate
jet fuels.

It is doubtful that liquid hydrogen will be in widespread use
as a jet fuel prior to 1985. Even if the price/supply ratio for LH2
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becomes favorable by 1985, significant structural changes in aircraft
will be necessary to accommodate onboard storage of LH2; LH2-fueled
aircraft will necessarily be a new or modified generation of air-
craft. Aircraft under development at the present time would be
expected to be in service until 1990 or 2000. But as rapidly as the
fuels situation is changing at the present time, these aircraft may
become obsolete within their useful 1ifespan of 15 to 25 years if they
are designed solely for conventional jet fuel.
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PERFORMANCE PROBLEMS RELATED TO INSTALLATION OF FUTURE ENGINES
IN BOTH SUBSONIC AND SUPERSONIC TRANSPORT AIRCRAFT

Walter C. Swan
Director of Technology, Boeing Commercial Airplane Compuny

1.0 Introduction

The requircment for variable-cycle engines has been abundantly clear to many airframe system
designers for years. It is the next logical step in aircraft development in a long series of
variable-geometry aircraft features which have occurred since the Wright brothers’ first flight.
The designers have solved problems of previous acrodynamic configurations for several special
flight conditions through the usc of variable flaps, lcading-edge devices, ailerons, flaperons,
elevons, spoilers, sweep, camber, and even variable dihedral. Similar variable or adjustable
features have been provided to empennage components, landing gears, and flight cabs. In most
cases, these added complexities have been conceived to solve problems in either performance,
ride quality, or handling quality at selected operating points in the aircraft mission,

The advent of the multimission aircraft, in both the military and the commercial fields, is now
{orcing ti.; designer to consider additional means of better matching the important multiple
uses of the vehicle. This paper draws particular attention to concepts for variable-geometry
cngines and the potential that such concepts may provide for further improvement and
reiinement of multimission aircraft. The principal goal of any variable-cycle engine concept is
to improve the total range or the flexibility of a given multimission aircraft, while reducing
weight and cost, to perform a prescribed mission range. In accomplishing this goal, the
propulsion system concept must be treated as an entity, including the intake and exhaust
system, such that reduced weight, drag, and complexity of these latter components may be
traded for increased weight and complexity of the variable cycle.

Certain secondary benefits of variable-geometry engines may offer unique solutions to other
aircraft problems which are not normally thought of in multimission considerations. For
example, these same variable-cycle concepts may provide outstanding solutions to aircraft
center-of-lift control on V/STOL aircraft during landing and takeoff. As another example, the
noise near airport boundarics may be significantly reduced through an alternate engine cycle
on landing and takeoff.

This paper uses the supersonic transport and the noise-sensitive commercial STOL aircraft to
illustrate the potential for performance improvements obtainable with a variable-cycle engine.
Several alternative concepts  of variable-cycle  engine  configurations, which should be
investigated to define the beneiits to such vehicles, are described. Finally, o few provocative
thoughts will be presented on how to accomplish such un engine development. With the
present world fucl shortage, the tremendous potential tor a reduction in energy consumed per
scat-mile should offer incentive for an assault on new approaches to variable-cycle engine
design.

2.0 The Multimission Problem

The airframe and engine designer cach attempts to maximize performance at minimum cost
and weight when configuring his respective componcents of the aircraft system. Character-
istically, the airframe designer attempts to maximize the acrodynamic efficiency  litt/drag

while the engine specialist maximizes the propulsive efficiency  the flight velocity /specific fuel
consumption (V/SFC). Each tries ulso to optimize the weight of his respective components,
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Problems often exist as to territorial rights concerning design responsibility, which causes
bookkeeping systems und data validation processes to go astray,

When the aireraft is designed for a single mission, the problem is bad enough, but when more
than one mission is demianded for the vehicle, then real technical and territorial problems
result. As airport noise constraints get tougher, the single-mission problem becomes a dual one,
because noise goals and cruise objectives are no longer compatible.

Consider only the cruise propulsion system for the moment. Figure 1 illustrates the
alternatives available through changes in cruise Mach number for the multimission vehicle.
Shown ure representative desires of engine configuration, intake, and nozzle over the speed
spectrum of interest for aircratt today. If one wanted to cruise at Mach 0.80 for long range,
but also wanted to fly at Mach 2,20, one readily sees that the desire is for @ moderate bypass
riatio (5-8) turbofan with a pitot intake and a fixed convergent nozzle at the low speed. At the
higher speed, one might want an augmented turbofan or turbojet, depending on the vehicle
configuration, and would want an external compression intake and some form of variable
convergent-divergent or cjector nozzle. Thus, many of our mixed mission aircraft today have
very complex variable-geometry intakes and nozzles, which are often a source of many
unpredictable drag, weight, operational, and maintenance headaches. Until now, the engine has
been pretty much left alone, except for reheat options. The picture gets much more complex
as the split in range at the different speeds varies, as the cruise altitude for cach speed is
changed, and when considerations for reserves, loiter, in-flight refuel, climb rates, ficld lengths,
noise goals, and other primury or sccondary mission objectives are added.

3.0 The SST Opportunity

As one example of the opportunity for variable-cycle engines, the former Bocing SST will be
used to illustrate the complication of the design integration exercises requir+d and to indicate
the benefits from one such variable-cycle engine concept.

Figure 2 illustrates the Bocing B2707-300 SST. which was a 750,000-Ib vehicle design to fly
from Puaris to New York with 300 passengers. The design mission is shown in Figure 3. The
aircraft had four General Electric G4 turbojet engines, cach housed in a caretfully contoured
pod at the aft end of the cambered and twisted double-delta wing planform. The aircraft and
engine configuration were matched to meet noise goals approaching FAR 36 at the airport,
operate trom 12,000-f1 fields, climb and cruise subsonically at Mach 0.90 at least 200 miles to
avoid sonic booms, then climb to a cruising altitude of 60,000 ft at a Mach number of 2.70. 1t
would fly the Atlantic at that speed, descend to 35.000 ft, and cruise again at Mach 0.90 for
200 miles to its destination. This vehicle would have been used by the airlines as a
multimission vehicle, because subsonic cruise would have been required over inhabited land
masses and for a varicty of mixed missions on sclected airline intercontinental routes.

Figure 4 illustrates the physical differences between the SST propuision pod and a modern
subsonic transport pod. Note that the SST intake is three diameters in length as opposed to
less than one diameter for the subsonic intake. The complications of this intake and its
influence on weight will be discussed later. The SST exhaust system is also much longer and
more complex than the subsonic jet. Shown in Figure 4 is a convergent-divergent SST nozzle
with a multitube stowable suppressor, which was one concept under development at the time
of the SST program termination. A main point to be emphasized here is the tremendous
number of complications and weight problems which were involved in the intake and exhaust
systems to condition™ the environment for the engine.

Figure 5 shows a comparison of the pressure recovery variation with Mach number of the
simple pitot intake and the SST intake. The recovery of the pitot intake is great at subsonic
speeds but poor at higher supersonic speeds due 1o normal shock losses. While the SST intake
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was 2% poorer than the pitot intake at subsonic speeds, it did achieve 92% recovery at Mach
2.70. Performance of the pitot intake at Mach 2.70 is very poor, and this is why the intakes
must be different.

Figure 6 shows the engine airflow demand curve as a function of flight Mach number for a
climb at full power to supersonic cruise. Superimposed is the intake capture flow capability
that was achieved after many variable-geometry features were added to match the engine over
the flight envelope. It is scen that complete matching of this high-performance intake to the
engine demand curve at all flight speeds and altitudes was impossible to obtain. With the intake
fully started at Mach 1.60, overboard spillage and internal bypass of air was necessary. With
the intake unstarted below Mach 1.60, it was necessary to resort to movable throat doors in
combination with the translating plug in order to avoid starving the engine of flow. In general,
weight and complexity were added to minimize spillage und bypass drag. Note, however, that
the reduced power sctting at subsonic cruise still causes considerable spiltage and bypass drag.

Some attempt was made by General Electric to get high flow in the engine at Mach 2,70 cruise
and to spool down the engine during transonic climb to assist in this intake-engine match
solution. But basically this was a fixed-geometry engine whose pumping characteristics were
tied to throttle movement and nozzle position.

Figure 7 shows the complication of the SST intuke, including translating centerbody, throat
doors, bypass doors, takeoff doors, and sccondary flow valves. All of these devices were
needed to match this fixed-cycle engine.

Figure 8 shows a buildup of the drag increments for the intake portion of the SST propulsion
system in both the started (above Mach 1.60) and unstarted (below Mach 1.60) modes. Note
that the drag is maximum in the transonic region where large amounts of centerbody spillage
and normal shock spillage dominate the drag picture. With some form of variable geometry in
the engine, both the centerbody and normal shock spillage terms could be reduced. Similarly,
during the climb to supersonic speed, additional drag due to centerbody spillage, bypass
spillage, and bypass door leakage could be reduced or eliminated through engine cycle
modification. The net effect of these intake drag increments is expressed as an airplane drag
increment in Figure 9, The interference drag imposed on the wing due to overboard spillage is
not included.

Turning to the ~xhaust system of the SST, Figure 10 shows one proposed nozzie concept that
was designed to meet FAR 36 noisc rules at the airports. It is shown here to note the effect of
reduction in jet noise, on cxhaust systems weight and complexity, and the multimission
requirements of good nozzle pertormance at subsonic as well as at supersonic speeds.

Figurc 11 shows the gross thrust coefficient as a function of flight Mach number for an
SST-type nozzle compared to a simple convergent nozzle. In both cases, the top line represents
the internal performance, and the bottom line shows the gross thrust coefficient when external
boattail and separation drag arc included, such as would be measured on 4 wind tunnel
balonce. As expected, the simple nozzle offers a distinet advantage up to cruise speeds of Mach
1.00, but has no place on an SST which must cruise at Mach 2.70.

Of particular interest in Figure 11 is the fact that subsonic aircraft usually cruise at less than
maximum available thrust, and thercfore the gross thrust coefficient usually improves at lower
power settings because underexpunsion losses are reduced. This is the predominant loss in the
simple nozzle at high speeds. However, the SST nozzle can operate as a C-D nozzle to eliminate
the underexpansion loss, but it requires a larger boattail angle at the reduced power because of
the reduced nozzle pressure ratio, expansion ratio, and airtflow,

Figure 11 illustrates the need to increase the volume flow in the exhaust nozzle (at constant
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thrust) to fill up the nozzle base and to operate at more favorable boattail angles with the C-D
nozzle. Some form of variable geometry in the engine could help solve this problem. Figure 12
shows the isolated pod boattail drag of the SST nozzle, and it also shows the drag reduction
that is possible if the engine volume flow could be adjusted to allow a more favorable ejector
flap position. This drag estimate does not include the unfavorable interference wing drag that
results from the present boattail angles or the influence of intake spillage and overbourd bypass
on boattail separation at the subsonic cruise conditions.

Figure 13 shows the buildup tfrom bare engine to fully installed SFC at Mach 0.90, for the
typical subsonic and supersonic installations. Losses that are not throttle sensitive (e.g., skin
friction drag) are normally included in the airplane drag polar: however, this item is included in
Figure 13 to show its relative magnitude. The striking thing is that the instalied SFC of the
subsonic pod is 507 lower than that of the supersonic pod. Although the major difference is
due to ihe engine cycle, the supersonic nacelle also suffers by the off-design losses of the
intake and exhaust system. Anything that can be done to make the intake and nozzle flow full
could improve the subsonic SFC of the SST. It must be remembered that there are subsonic
legs in the SST mission, and reserves are based on subsonic cruise to alternate fields. Based on
this comparison, a reduction in subsonic SFC of 50% is theoretically possible: however, a
practical variable cycle with supersonic nacelle could probably achieve 30% reduction—which
is significant,

Thus far, the emphasis has been on opportunities for improved drag and fuel consumption,
although it has been noted that the weight of both the intake and nozzle for the SST appears
to be a large percentage of the total propulsion system weight. Figure 14 shows the relative
weight of the subsonic and supersonic propulsion pods expressed as a percentage of the bare
engine weight. It is seen that the intake and exhaust system combine to double the engine
weight on an SST, while they only represent about a 209% increment on the subsonic
installation. The hardware elements provided in the SST installation that are necessary to
accommodate the requirements of the fixed turbojet engine cycle are shaded in Figure 14, If
the engine cycle were variable, over 60% of the excess weight for installation could be offered
as a trade for increased engine weight,

Table 1 lists the equivalent weight that could be suved on the SST with a variable cycle. This
staggering total of 61,000 Ib is equivalent to the entire design payload of the SST. Thesce items
include some of the major benefits of variable cycle on the SST, such as improvements in
weight or reductions in complexity of the nacelle, subsonic SFC, and noise. Figure 15 shows
the actual weight breakdown of the SST components, including trip fuel and reserves, to show
the relative importance of subsonic tuel, climb fuel, and pod weight.

The multimission capability of the SST could be improved with the variable-cycle engine as
shown in Figure 16, Only the change in subsonic SFC was considered in this comparison,.
Design gross weight, OEW, payload, and fuel capacity were held constant for both engines.
This figure shows that the total range decreases for the turbojet if the subsonic portion of the
mission is increased. With the variable-cycle engine, the total range would increase us the
subsonic range fraction increased. On an all-suosonic mission, the variable engine would fly
4800 nmi as opposed to 3000 nmi for the turbojet.

It is realized that these data simply indicate the potential gain, Any variable-cycle engine will
probably eat into this group of offered items because it will occupy more volume than the
present turbojet and may be heavier. But this type of challenge should serve to excite the
inventive engineer.

4.0 Quict Commercial STOL Transport

A second example where the variable-cycle engine may come into existence is now discussed.
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Continued study of the commercial short takeoft and landing (STOL) transport suggests that it
will only come into existence if it can be done economically in competition with CTOL
aircraft, At the same time, the STOL aircraft must provide a much smaller noise footprint area
for the saume payload-range than its CTOL competitor. It is this potential for noise reduction
which will allow the STOL civil transport to replace the CTOL aireraft in the short-haul
market, Commercial STOL will be intercity transportation under SO0 miles in range. The same
aircraft should also be capable of flying ranges up to 1000 miles under CTOL rules in as
ceonomical & manner as competing CTOL vehicles.

The short-haul passenger is willing to pay some increased ticket price over an equivalent CTOL
ticket, in exchange for 4 more convenient airport location: but he will not pay a large excess
over that for a ticket on a train plus that tor connecting ground transportation when
considering the time saved.

With the prospects of a fossil fuel shortage extending for many years, much of the intercity
truvel now accomplisiied by automobiles may be competed for by the train, bus, and the
short-haul aircraft, Hence, energy consumption per scat-mile and pollution consequences will
probably determine which mode survives.

Present thinking on STOL transports leaves much to be desired, both in terms of operating
cconomics, fuel consumed, and aircraft complexity. Figure 17 illustrates several powered lift
concepts currently under consideration for STOL transports. Externally blown flup (EBF) and
the internally blown flap (IBF) concepts tend to employ very high bypass ratio fixed or
variable pitch fans at 8-15 bypass ratio. These engines are chosen to minimize flap interaction
noise caused by the primary nozzle efflux. Such engines, as now conceived, are very large in
diameter per unit of static thrust and produce very poor climb and cruise thrust due to their
poor lapse ratio. Installing tour such engines under a wing probably requires a high-wing
configuration. Problems with wing flutter, cabin interior noise. ability for passenger egress, and
tail interference with inboard engine efflux become some of the unsatisfactory consequences
of the large engine, wing mounted installations. Perhaps the reduced climb and cruise thrust of
such large fixed cycle engines may be tolerable because it may become necessary to trade flight
speed for trip fuel in the present fuel crisis.

Vectored thrust concepts may be a very efficient means of obtaining good powcered lift, but
the same problems with noise exist as with the IBF and EBF concepts.,

The upper-surface blowing (USB) concept offers some improved opportunity tor low noise due
to wing shiclding. and perhiaps the engine diameters can be smaller (bypiss 5-8) for the same
noise footprint as the IBF and EBE concepts. In this type of configuration. the cabin noise for
low-wing configuration and wing trailing-cdge shear noise are still possible problems, Intake
noise may become the dominant noise source as lower exhaust noise oceurs, and some
increased drag penalty mast be paid for this engine location because of the increased nacelle
length.

The augmentor wing (AW) concept requires large internal airflow through the strut and wing.
As a propulsive lift concepr. it depends on an ¢jector fap to offer the propulsive lift. A real
attraction of this concept is that it offers a possibility for very low noise. The power jet flap
(PJF) is an alternative arrangement of the augimentor wing.

Figure 18 shows the relative noise capability of a series of competitive airplane designs using
cach of these 1ift concepts. The sideline noise of a Boveing 727 aireraft at 500 1 is
approximately 113 PNdB to indicate why STOL is being given consideration for operation at
many current general aviation airports of 3000-5000 ft in length,

Figure 19 shows a comparison of the low-speed lift/drag polars of the various concepte basedd
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on Boeing wind tunnel tests. It shows that all concepts are quite competitive for short-field
operations with USB and AW concepts offering the best promise for minimum noise contours.

Figure 20 indicates current estimates of the payload/gross weight ratio and sideline noise as a
function of operating field length for each of these competing configurations, based on Boeing
systems studies. Also included are the effects of off-loading payload on both 727 and 737
airplanes to meet the requirements for shorter field lengths than are currently in use.
Illustrated also are the effects of resizing the bodies of a 727 and a 737 to operate at reduced
payload at full load.

The importance of Figure 20 is the tremendous disparity between the payload/gross weight
ratio of all STOL aircraft and optimum current CTOL aircraft. At the same operating range,
speed, and payload, the direct operating costs (DOC) are proportioned to aircraft
payload/gross weight ratio. Hence, it is readily seen that STOL as currently understood is too
expensive to be competitive. The primary problem stems from engine diameter, engine weight,
nacelle drag, and poor thrust lapse rats.

For STOL to offer an economic challenge to CTOL, there must be created some form of
variable-geometry engine that reduces the diameter per unit of static thrust and one wherein
the climb and cruise thrust can be augmented to meet the demands of speed and range. The
turboprop is not the solution, particularly as aircraft get larger. To date, little attention has
been given to the use of multicycle engines for STOL. Figure 21 shows the influence of bypass
ratio on cruise fuel consumption and climb thrust per pound or airflow for fixed-geometry
turbofans. Also shown are recent estimates of the potential for variable geometry.

5.0 Concepts of Variable-Cycle Engines

While the engine industry for years has been employing variable stators to regulate the flow
capacity of compressors, and more recently has developed some variable-stagger turbine
components to regulate the pumping characteristics of turbojet and turbofan engines, the
promises of large variations in cycle or pumping characteristics have not been realized to any
great extent with this concept. On the SST, several attempts were made by the General
Electric Company to get high and low flow in certain phases of the flight envelope with
variable-turbine area, but only small gains were indicated, and hence these efforts were
abandoned.

It is suggested that efforts to increase the flexibility of such gas generator parts should
continue. Variation in the combustor arrangement and number of burning zones could also be
exploited to improve the thermal efficiency at off-design conditions. But besides this type of
activity, a bold approach to variable-cycle engine concept development needs to be taken.
Figure 22 illustrates a few of many concepts that may fulfill the goals suggested in this paper.
The configurations shown include most of the known types of variable devices such as serics
and parallel arrangements of gas generators, fans that employ airflow valves, common turbines,
common fans, and in some cases common shafts. Each concept offers different degrees of
flexibility which could be expanded to cover increased numbers of design-point operating
conditions. The volume occupied by cach concept becomes important only in the way it
affects the shape and hence the drag of the aircraft for the desired multimission capability. The
weight of such composite cngines will, of course, be greater than that of the current fixed
cycles, and there may be operating restrictions which may rule out their use. But cquivalent
weight savings in other parts of the aircraft may more than offset the weight of the variable
device. In the SST example, this amounted to 20% of the bascline operating empty weight
when a fixed cycle is replaced with a variable cycle.
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.6.0 How Does This Get Done?

The most difficult question is not whether variable-cycle engines are worth studying, or
whether variable concepts can be evaluated, but how does industry get started doing the job. It
should be clear that for any variable-cycle propulsion system to be developed beyond the
concept stage, reasonble proof of a concept must be demonstrated to the satisfaction of the
customers. This requirement alone forces industry, in cooperation with its customers’
governments and others, to develop more satisfactory methods for sorting out thrust, drag,
weight, and lift on such integrated aircraft-engine systems. Fortunately, such work is going on,
at least in the United States, and much will be gained by this effort. Having accepted that
adequate evaluation methods will exist, a very important new ingredient in the evolutionary
process of engines and aircraft needs to be introduced.

In the commercial business today, when an airframer wants an engine, he issues a specification
that defines the thrust, SFC, and weight goals but little clse in the way of restraints to the
engine manufacturer. The engine company will look at that specification as one of many uses
for his products, and the process of trading goes on. In the end, the engine offered is a
compromise between what the airframer wanted and what many other customers wanted. It
gets more complicated by the different mounting systems, accessory locations, kinds of
cowling, and often whether the engine is wing mounted, aft-body mounted, and even whether
the wing has a pivot. Since commercial engine development usually follows some military
development program, the time lapse between engine start and airplane start is not too critical.
In the military arena, a somewhat similar situation exists, but there is now a third party that
must be satisfied. It is not believed possible that an outstanding variable-cycle engine can be
conceived and developed to achieve its full promise in the present environment employed in
engine development,

The author would like to suggest for consideration two alternative methods, which are
summarized in the concluding remarks. The first of these is teaming. It simply means that for
the purpose of a given mission task, a joint venture is undertaiken so that the general
arrangement of the airplanc and the propulsion system can be controlled under one roof. This
approach would not be in conflict with engine component development or gas generator
upgrading such as arc currently being done by the engine manufacturers. The variable-cycle
concepts and other engine developmient programs would use such technology as building
blocks. This tcaming method of airframe system concept selection and development can work
with the highest possible efficiency in the use of both companies’ resources.

For those who object to teaming as being anticompetitive, an alternative is to encourage both
airframers and engine companies to know as much about cach other’s business as is necessary
for conceptual evaluations. We should encourage the engine manufacturer to develop expertise
in airframe design, at least to the point where he can explore engine cycle arrangements in i
meaningful, mission-oriented manner. Today this is far tfrom being done. Concurrently,
encouragement should also be given to the airframer to develop his expertise in engine
configurations, at least to the point where he can conceive meaningful engine-airframe
arrangements.

This latter approach is taken today by the airframer in selecting most of the other aircraft
subsystems, but it is not in general use for the propulsion system. It is realized that either of
these methods may conflict with the established thinking of many of our leading authoritics,
but until some similar plan is found acceptable within the industry, governments, and/or
airlines, it is doubtful that the full promise of the variable-cycle engine will be realized.
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FEEDERLINZR ENGINE INSTALLATION - TREMDS AND PROBLEMS

D.H., Tipper
Hawker Siddeley Aviation Limited, Hatfield, England.

In this paper, I shall be discussing the influence of the
feederliner type of operation on powerplant choice and installation.
I hope to illustrate some of the reasons why an aircraft manufacturer's
attitude and approach may differ from those for longer range aircraft
and subsequently to describe some of the problems of installation and
operation that are emphasised by this type of operation.

To start at the beginning - what is a feederliner? I intend to
use the term to describe an aeroplane whose main purpose is transport
between major airports and the surrounding communities. It will
operate, therefore, into conventional airports at both ends of the
spectrum - from a small town field with the minimum of aids and
3000-4000 ft. of runway into the big international airports. It is
not intended for city centre operation or any form of mass transit.

The type of feederliner that I shall talk about is turbofan
powered and used where an air transport market has already been
established by propellor-driven aircraft. Air transport's foothold
in this type of market is, however, frequently precarious and even at
this second stage,capital is likely to be scarce.

How then can the use of turbofan power consolidate the market?
There are various reasons which, although no one is compelling, combine
to give an unmistakable probability of steady, if not rapid, growth.
The appearance of more attractive aircraft types, together with
maturing markets can be expected to maintain a steady expansion of
around 8% per annum. With this rate of growth, the total number of
turbofan feederliners in service by 1982 (outside the warsaw Pact
countries and China) is estimated to be around 650 aircraft, after
maxking allowance for the continued use of propellor aircraft and
competition from new and secondhand aircraft designed for rather
longer hauls (Figure 1).

The main reasons for projecting growth are speed and passenger
appeal. As is illustrated by Figure 2, speed tends to advance in
large steps and one does not have to look far to find the reason.

On a stage of 100 n.ms, 175 kt. increase of cruising speed has only
brought S minutes saving of block time and it is only for the longer
stages of this type of operation thut substantial time savings are
made (Figure 3).

Passenger appeal is hard to quantify and easy to deprecate.
However, a small increase in passenger load factor will have a
substantial influence on the profitability of the operation. Une way
in which passenger appeal can be quantified in through cabin noise
and vibration and Figure 4 shows how the elimination of the propellor
cuts the overall noise level. On the other hand, speech interference
frequencies are adversely affected by increased airspeed and must be
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contained by the use of additional acoustic trcatment. However, if
the high frequency noise is contained, the ahsence of propellor noise
and vibration has a marked passenger appeal and has long been seen as
one of the benefits of turbojet or turbofan propulsion.

After a spate of re-equipment in the 60s, feeder airline fleets
are, once again, growing old and, at a time when public surface
transport is showing the effect of renewed intecrest and investment,
operators may be expected to seek a vehicle which can show as many
tangible benefits as possible over its predecessors. The turbofan
can provide the answer.

I forecast earlier thiat the size of the market will be 100 x 109
seat miles by 1982. For compagison the whole airline industry is
forecast to generate 1200 x 10 seat miles in that year and, taken
together with the need for high frequency of service, the feederliner
will clearly be a com ively small aeroplane; 70-90 seats being
forecast as appropridte for the 1980 period (Figure 5). Such an
aeroplane will need a total installed thrust of around 8500 to 9000 1lb.
to cruise at 20000 ft., 0.7 Mach lio. and will consequently have
available a total thrust at take-off between 20000 lb. and 27000 1lb.
according to bypass ratio.

I have already noted that feeder airlines are often short of
capital, Is it possible to keep the price down by choosing low cost
systems and by keeping the number of systems in the aecroplane to a
minimum?

The engines may contribute between 15 and 30:) of the price of an
aeroplane - more if spares holdings are taken into account -~ furthermore
they contribute a considerable share of the engineering costs. $o,
should we be seeking a cheap engine with correspondingly low
engineering costs?

The answer that Figure 6 gives is encouraging. If SFC can be
reduced by one third from the datum level, then it will only be
worthwhile if the engine costs (first cost and engineering) do not
exceed the datum level by more than 5%; for a 100 n.m. stage or by
65% for a 400 n.m. stage.

The reason for this is, of course, the relatively small
contribution of fuel cost to the total when compared with longer
stages - even the small change from a 100 n.m. stage to one of
400 n.m. has shown quite a subgtantial movenient of the threshold.

Clearly, such a point cannot be made without mention of the energy
crisis. Are we at a step change in one contribution to general
inflation or are we at a turning point? 1T do not propose to answer
that question but Figure 7 shows the contribution of fuel (at 22 ¢ per
US gallon) and of the engine, to direct operating cost. Even if the
price of fuel doubles yet again, the incentives for an engine designed
for low capital and engineerini;- costs remain stronge
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How does this ideal correspond with actual possibilities?
Figure 8 shows, for typical cruise operating conditions, a broadly
constructed envelope of achievable SFC as a function of bypass ratio
and overall compression ratioc. Also shown is an envelope which contains
the currently available engines within a surprisingly small range of
SFC and large range of bypass ratio. This SFC standard was used as the
datum level in Figure 7 and it is a standard about one third inferior
to the best current engines regardless of bypass ratio.

How much would the minimum SFC engine cost, if someone could be
found to build it? Bearing in mind the relatively small size of the
market (in monetary terms if not in terms of number off) and the great
significance of price, it is not surprising that there has not been
the rush to satisfy this market that occurred in the over 40000 1lb.
thrust categorye.

The lesson that I see here is that this market is no place for
highly specialised engines and instead can be expected to rely, as at
present, on developments or adaptions of engines developed for other

roles.,

In illustration of this point, I would mention the three engines
currently in the field - one developed for medium range airliners,
one developed from a combat aircraft engine project and one developed
from a helicopter turboshaft.

If, for the moment, one sets aside the differences of thrust of
these engines - Spey, MUSH and ALF 502 - there is a striking variation
of bypass ratio. The reasons for this are largely historical, but the
consequences are worth closer examination. Perhaps the greatest
impact is on noise.

Only flyover noise is significantly affected by factors peculiar
to the feederliner. In this case, high installed thrust/aircraft
weight ratio will result from the need to operate from runways
3-4000 ft. long and it is evident from Figure 9 that the consequent
increase of height at flyover confers a benefit of perhaps 5 dBs The
self cancelling effect of any thrust loss due to silencing is also
evident,

By comparison, airframe changes - except possibly noise shielding
if this can be achieved without marked loss of efficiency - offer
comparatively little as can be seen from the lower plot on Figure 9.
jajor aerodynamic developments are implied by the 20% improvement of
drag/weight ratio shown and yet the reduction of flyover noise is
relatively small. Nor is the high maximum lift coefficient desirable
for take-off in 3-4000 ft. of any significance since it is more or less
exactly offset by poorer climb gradient., Thus, the chief factors in
flyover noise are the intrinsic noise level of the engine and its
installation and the ratio of installed thrust to aircraft weight.

The former of course also dominates sideline noise and Figure 10
shows the well known effect of reducing jet velocity with increasing
bypass ratio. (Forward arc noise decreases as well due to the presence
of a contribution from the exhaust when the exhaust velocity is high) -
Increasing bypass ratio from one to six reduces peak noise level by
around 12 dB and the observer will notice only one peax as the
aeroplane passes. :Stg‘:



In contrast, the landing approach is made alon;; a fixed flight
path at around 40% take-off thrust, a condition at which intake noise
dominates., It is also the condition at which an acceptable noise
level is proving most difficult to achieve. We see from Figure 11
that due to the dominance of intake noise, the advantages of high
bypass ratio are ;reatly decreased at low thrust and are in_fact very
small if a 6 glideslope is used instead of the customary 3 .

So, noise considerations lead to quite conventional conclusions
and I shall dweli upon them no further except to remark that the
advantages of high bypass ratio mipht be largely lost if rapid progress
was made in the control of jet noise.

However, the use of high Lypass ratio resi:lts in a number of
aircraft design and operating problems (Figure 12). As bypass ratio
increases so does airflow and the frontal area and weight of the
engine. Each type of installation has its particular problems and
all these are aggravated by greater bulk ani weight.

The lifting afficiency of a wing is sensitive to gaps in the
high 1lift devices - to make room for nucelles or jets for instance =
and to obstructions in the high speed flow above the wing. High
efficiency is most readily achieved by mounting the engine well
below the wing, thus allowing continuous slats and flaps to be used
and operate in the most favourable conditions.

A feederliner will be expected to be able to operate from poorly
prepared aerodromes which are not free of debris. Prevention of
vortices between the intake and the ground, which are capable of
lifting substantial pieces of debris, is most simply achieved by
keeping the intake bottom lip well clear of the ground.

On a wet runway, the nosewheels will project two powerful jets
of spray upwards and outwards. Tyre shaping can influence the
direction of the jets to keep them clear of the intakes of rear
mounted engines but otherwise, the engines should be widely spaced.

To achieve its desired take-off performance, the feederliner has
a relatively low take-off speed and relatively hiph thrust/aircraft
weight ratio. At low speed, rudder power is poor and thus the moment
of asymmetric thrust, after the failure of one engine, must be
minimised either by close spacing or by the use of three or four
engines.

Although fuel ecoromy is not a primary objective, as has already
been seen, nor is fuel wastage and the installed dra;; of the engines
should be minimised. Although much can be done by careful detail
design, this is most easily achieved either by burying the engines or
mounting them below und ahead of the wing leading edgee

Minimum installed weight is best achieved by compact installation
and this will usually mean a pylon mounted pod.

Minimum noise, however, may modify this last consideration since
long acoustically treated ducts are desirable - the use of noise
siielding will, of course, have much further reaci.in;; consequences.
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Although location of the intake above and behind the wing leading
edge will greatly reduce the range of approach flow angles, the wake
of the wing when stalled is hard to avoid. Long curved ducts or
fuselage wakes 1130 create pressure distortion at the engine face and
these factors make an intake position ahead of the wing leading edge
most attractive.

If the engines are widely spaced across the span, ample ground
clearance must be provided for the crosswind landing case.

Finally, but not least important, maintenance and servicing,
especially at outstations, will be quicker and cheaper if the
necessary operations can be performed by a man standing on the ground =
an objective most easily achieved if the engine is underwing mounted.

llone of the problems that I have listed here is sufficiently
intractable to prevent the use of a particular layout, as the diversity
of existing airliners illustrates. But as the engine becomes bulkier,
the options become fewer and the aircraft designer is likely to look
back with regret to the palmy days of turbojets and bypass ratio one -
at least occasionally.

As well as affecting aircraft layout, the type of engine chosen
will also affect the systems. High propulsive efficiency means high
idling thrust and this leads to two points of difficulty (Figure 13).
At bypass ratios of six or more, depending on the installed thrust to
aircraft weight ratio, ground idling thrust may exceed that required
for taxying with consequent excessive braking, brake heating and wear.

High flight idle thrust increases distance in the landing flare
and the touchdown speed and when it is realised that 100 ft. increase
in landing distance required can result from 2% increase of the ratio
of flight idle to take-off thrust and reduce the payload carried into
a limiting runway by 15 to 20% it is clearly no small matter,

The question of idling thrust, would, perhaps, not matter quite
so nuch if reverse thrust was available. However, I have already
stressed the importance of reducing capital and engineering costs to
a minimum and a reverser will cost about 15 to 20 of the price of
the envine on which it is mounted as well as increasing weight and
drage. lMaintenance costs for a thrust reversal system rcsult not only
from the system itself but from the additional engine cycles involved
and the risk of ingestion damage, which is always present and which
assumes additional importance in rough field operations.

For these reasons, which are well known but which are amplified
in their importance by our particular requirements, the reduction of
idling thrust should be a major objective in future engine design.

Reduction of costs through simplicity has been a recurring; theme
in this paper and another way in which it shows up is in the supply of
auxiliary power. The simplest way to extract energy from an engine is
by airbleed from the compressor and the hot air thus provided is also
an ideal medium for air conditioning and ice protection. However, the
use of hiph bypass ratio results in less core airtlow for a given
installed thrust (Figure 1l4). Thus, for instance, if it is desirable
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to bleed 5. core airflow from an engine with bypass ratio 1.0:1 then,
for equivalent performance, an engine with a bypass ratio of 6.0:1
must be bled of 9% of itas core airflow. High availahble bleed
percentages allow the use of lower thrust settings for descent - so
long as suffiicient bleed pressure is available -~ and the availability
of a high rate of descent is increasingly necessary as airspace
bzcomes more crowded.

I started by giving the reasons for preferring a turbofan engine
for future feederliners. I went on to advocate the tempering of fuel
economy with a broader operating economy and to discuss the current
noise advantage possessed by the high bypass ratio turbofan before
coming to the difficulties of aircraft design that are increased by
such enginess I will conclude by listing the main conclusions.

1. Design for low capital and engineering cost, even at the cost
of substantial SFC penalties,

2. A bypass ratio of around 6:1 is valuadle for noise reasons.
But many constraints are placed on aircraft design and operstion
and intermediate bypass ratics- say 4 or 5 to 1 - remain
attractive if sufficient progress is made in the reduction of
jet noise.

3 It is desirable to develop engines that are capable of operating
at substantially lower idling tnrust and higher bleed airflow
percentages than are possible at present.

These views are, of course, those of someone with the viewpoint
of an engine user. To the engine designer, I would echo the question
put by Alice to the Cheshire Cat, 'Would you tell me please, which
way I ought to go from here ?"

I would like to thank the Directors of llawker Giddeley Aviation
for permission to give this paper and to my colleagues at Hatfield
without whose help it would not have been possible. The views
expressed are,however, my owne.
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EXHAUST EMISSIONS UNDER SIMULATED FLIGHT CONDITIONS

A. K. Forney
U.S. Department of Transportation, Washington, D. C.

Introduction

At the First International Symposium on Air Breathing Engines, held at
Marseilles in June 1972, Dr. Alan J. Grobecker (1) described the Climatic
Impact Assessment Program (CIAP) being conducted by the U.S. Department

of Transportation (DOT). At that time, Dr. trobecker gave the CIAP objec-
tive as: "To assess, by a report in 1974, the impact of climatic changes
resulting from perturbation of the upper atmosphere by the propulsion
effluents from all elements of a world fleet of high-altitude aircraft,

as projected to 1990." Measurement of engine exhaust emissions under sim-
ulated flight conditions has been included in the CIAP effort. The pur-
pose of this paper is to review some of the results of two of those tests.

Before I proceed to the main purpose of the paper, there is one item I
would like to call to your attention. Many studies and experiments of
various kinds have been completed for CIAP since June 1972. We have
learned much, and CIAP has been changed in many of its details. One of
these changed details is its objective. It now is: '"In order to deter-
mine regulatory constraints on flights in the stratosphere such that no
adverse environmental effects result, DOT/CIAP will assess, by 1974
report, the impact of climatic changes resulting from progulsion effluents
of vehicles in the stratosphere, as projected to 1990."(2

To those of you involved in the design of engines that may be required to
have certification in the United States, the inclusion of the words
"regulatory constraints' may have some significance. Of course, I cannot
say when, or even if, the Federal Aviation Administration (FAA) is going
to issue Federal Air Regulations relating to engine exhaust emissions
under cruise conditions. It appears to me, however, that the mere fact
that the U.S. Department of Transportation, the parent department of the
FAA, has made this change in the CIAP objective 1s worthy of serious con-
sideration by engine designers and manufanturers. Many of you know that
the U.S. Environmental Protection Agency (EPA) has already issued stan-
dards for aircraft engine emissions at low altitude. You also know that
the FAA has issued a Notice of Proposed Rule Making (NPRM) that will
probably lead to a regulation to enforce some, and eventually all, of the
EPA standards. I believe you will agree that regulation of emissions
during cruise will not appear a big step in the minds of regulatory peo-
ple, once low altitude emission regulations are in effect.’ Therefore, 1
recommend that everyone concerned with engine design face this situation
now and not wait until we are presented with proposed regulations. By
beginning to address this problem now, we can help ensure that the regu-
lations are intelligently applied when, and if, they become necessary.

At the time CIAP was started, the only engine exhaust emission data
available had been obtained under sea level static conditions. Conse-
quently, we felt it necessary to obtain data under simulated flight con-
ditions. ¥Further, we were interested in many more substances than were
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the people who had been making the sea level measurements. We were inter-
ested in as many of the species that take part in stratospheric chemistry
as we could measure. In fact, we were interested in many more than we
thought we could measure, (3 What actually happened, however, is that we
were able to measure and get usable data on only a few of the species we
thought we could measure. Measurement of chemical species in the exhaust
of an engine in an altitude test cell turns out to be more difficult than
making measurements in a chemistry laboratory.

This paper will review a portion of the results of tests on a YJ93-GE-3
engine in an altitude test cell and a J85-GE-5 engine in a propulsion wind
tunnel. Both these tests and the instrumentation used have been described
in published papers.{(4,5,6,7) Consequently, T will omit those details and
address only the results of the tests.

CIAP has progressed to the point where we believe we can state with con-
viction that, based on the best knowledge we have today, some of the prod-
ucts in the engine exhaust will have no adverse effect when injected into
the stratosphere in the quantities we have estimated. On the other hand,
we must also state that there 1s still some question about other products.
It appears, as of today, that the carbon dioxide, carbon monoxide, un-
burned hydrocarbons, carbon particulates, oxygenates, and water vapor will
have no adverse effect. I want to emphasize the word 'today'" in that
sentence because there are still many unknowns in the chemistry and
physics of the stratosphere, but our knowledge 1s increasing rapidly and
the picture changes frequently. Unhappily, however, the oxides of sulfur
and nitrogen cannot today be dismissed so easily.

Aviation kerosene has a low sulfur content, but not so low that it can be
neglected by CIAP., However, a recent study shows that the cost to reduce’
the amount of sulfur in the fuel to a value well below present levels

is not prohibitive, provided that it is determined a reduction is
necessary.

It is to the oxides of nitrogen that I plan to devote the major thrust of
this paper. It 1s these oxides which present the greatest challenge to
the engine designer.

Analysis of Results

Several points can be observed from Figure 1. First, the NOx emission
index decreases significantly in changing from military power to after-
burning power, showing that the afterburner forms only a small amount of
NOy. Second, increasing flight Mach number at constant altitude increcases
the emission index. Third, increasing altitude at constant Mach number
decreases the emission index.

There are several reasons why the afterburner forms only a small amount of
the oxides of nitrogen. First, the air entering the afterburner has been
vitiated by the exhaust products of the main combustion chamber. Conse-
quently, the peak flame temperature is lower in the afterburner than for
the same temperature and pressure conditions in the primary combustor.
Second, the pressure level in the afterburner is lower than in the primary
combustor. Third, the residence time in the afterburner is probably
shorter than in the main combustion chamber. All three of these factors
lead to lower NO, formation. In no instance, however, was the total NO,
in reheat less than in military power for the conditions tested.
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The increasing emission index with increasing Mach number at constant alti-
tude can be seen for the 10.7 km (35,000 feet) and the 19.8 km (65,000
feet) altitudes of Figure 1. In each case, the main combustion chamber
inlet temperature and pressure increased with the increased Mach number.
Both these factors cause the NOx emission index to increase.

The three Mach 2.0 sets of data points clearly show that the effect of in-
creasing altitude at constant Mach number results in reducing the NOy
emission index. The constant Mach numbers resulted in essentially a con-
stant main combustion chamber inlet temperature, but a reduced combustor
inlet pressure with increasing altitude. Reducing the combustor inlet
pressure reduces the NOx emission index.

The emission index is, from its definition, related to fuel flow. The
amount of NOx in the exhaust, as measured by available instruments, a
chemiluminescence instrument in this case, is measured as a concentration
in parts per million by volume. It is interesting to observe what happens
to the concentration when changing from a military to a reheat power set-
ting. These effects are shown on Figure 2, where the NO, concentration is
shown against altitude for the same simulated engine conditions as for
Figure 1, except there are no 6.1 km (20,000 feet) data points. Of the
three effects of reheat observed on Figure 1, two are observed on Figure 2,
These two effects are: first, the increasing NO, with increasing Mach
number at constant altitude (see the 19.8 km (65,000 feet] altitude data
points); and, second, the decreasing NOy with increasing altitude at con-
stant Mach number (see the Mach 2.0, 16.8 km ]55,000 feetl, 19.8 km
(65,000 feet|, and 22.9 km 75,000 feet| data points). However, the third
effect of reheat observed in Figure 1, that of decreasing emission index
when changing from military power to reheat is not observed on Figure 2.
In fact, the reverse is observed. That is, the NOy concentration in parts
per million increases when making this power setting change, except for
the 22.9 km (75,000 feet), Mach 2.0 test point where there was no change
in concentration. The fact that the NOy concentration is greater in re-
heat, but the emission index is less, can be attributed to the great in-
crease in fuel flow in reheat with only a small increase in NOy formation
by the afterburner.

You will recall that NOx is the sum of NO and NO3. It is of interest to
observe the change in amount of NO, making up the NO, when going from
military power to reheat. This effect is shown on Figure 3. In every
instance, the amount of NO; increases and, in some cases, very greatly.

For a long time, the chemical kineticists insisted that NO, should not be
present in the exhaust in the quantities being measured by almost every-
one. Thelr reasoning was that the destruction rate of NO; uader the con-
ditions existing in the exhaust was much greater than the formation rate.
Recently, Dr. L. B. Anderson, et al(9) have published a paper explaining
the presence of the NO;. According to them, it is formed as the result of
a reaction between HO, and NO when there are hydrocarbons present to sup-
press the hydrogen and oxygen atoms,

The results of the J85 tests in the propulsion wind tunnel confirm those
presented on Figures 1, 2, and 3. Because the J85 test permitted measure-
ment downstream of the engine, additional information was obtained. These
results are shown on the next few figures.

Figure 4 shows the effect of reheat on NO, emission index at the engine
exit nlane, approximately 5 meters (10 diameters) downstream and
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approximately 10 meters (20 diameters) downstream for two different flight
Mach numbers and altitudes. Again, the NO, emission index decreased when
the power setting was changed from military to reheat. Three of the four
curves on this figure show a greater emission index at approximately 5
meters (10 diameters& than at the exit plane. This result confirms that
observed by Diehl. (10)

Figure 5 shows the NO, concentration for the same conditions of Figure 4.
Again, the NO, concentration increases when changing power setting from
military to reheat, except for the Mach 2.0, 19.8 km (65,000 feet) data
point at the engine exit plane. The sharp decrease in concentration down-
stream of the engine is expected. It results from the mixing of the
exhaust with the air flowing around the engine.

Figure 6 again shows an increase in NO; when changing power setting from
military to reheat. An interesting point to observe on this figure is the
reducing percentage of NO7 downstream of the engine. This plienomenon is
attributed to the fact that the fuel (hydrocarbons) continuw:s to burn.
Accepting the explanation of Anderson, et al 9) the hydrocarbons disappear
and are no longer present to suppress the hydrogen and oxygen atoms. The
HO» and NO reaction does not take place so that the normal NO, destruction
reactions take over and the NO; reduces the further one goes downstream.
The only explanation for the two zero NOj points appears to be that fre-
quently the concentration was below the capability of the instruments to
measure it.

A secondary reason for conducting the engine tests was to attempt to
obtain an empirical expression for converting NOy emission index from one
engine operating condition to another. Several different organizations,
including the Arnold Research Organization (ARO), the General Electric
Company, NASA Lewis Research Center, and Rolls Royce Bristol Engine Divi-
sion, have developed such expressions. They are generally of the form

1
(EINox) cond; Péondliechondl

i
(Elyp,) condp PéondZGBchondz

Measured NOy emission index at one engine opera-

Where: (EINo ) cond1
X ting condition

(EINO ) cond2 = The desired NOy emission index at some other
x engine operating condition
Pcondl = Combustor inlet pressure at the first engine
operating condition
pcondo = Combustor inlet pressure at the second engine
< operating condition
k = Empirically derived constant
T = Combustor inlet tempecrature at first engine
condy
operating condition
Tcond2 = Combustor inlet temperature at second engine

operating condition

A comparison of these expressions with the measured values obtained at
military power setting from the YJ93-GE-3 engine test is given on
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Figure 7. The measured value of 6 gm/kg for the engine at sea level
static was used as the known value, The author made the calculations
using the expressions developed by the organizations mentioned above and
assumes full responsibility for any errors made in the use of the
expressions.

Each of the expressions gives a fairly good representation of the measured
values, except for the upper set at 19.812 km (65,000 feet). This set
represents the Mach 2.6 flight condition. None of the expressions does as
well at this condition,

Development of a suitable expression is worth some effort. Altitude test-
ing of aircraft engines is expensive. 1If a suitable expression for con-
verting sea level NO, emission indices to flight conditions were avail-
able, it would enable one to use the large amount of sea level emission
data now becoming available. Furthermore, it would eliminate any need, in
the event of regulations on emissions at cruise, the specter raised in the
introduction of this paper, for altitude production acceptance tests.

Instrumentation and Sampling Problems

In conclusion, I want to bring to your attention several problems encoun-
tered with the sampling system and the instrumentation during these tests.
As an introduction to this subject, it is important to recognize that the
instruments available for the measurement of chemical species in exhaust
plumes of aircraft engines are essentially laboratory instruments. And,
even in the laboratory, they are not as accurate as the test cell instru-
mentation normally used in measuring engine performance parameterz, such
as temperatures, pressures, rpm, fuel flow, etc.

The basic guide for the measurement of the gaseous emissions used for
these tests was the Aerospace Recommended Practice (ARP) 1256,(11) pre-
pared by Committee E-~31 and issued by the Socilety of Automotive Engineers
in the United States. This ARP requires an orifice close to the entrance
of the gas sampling probe. The purpose of this orifice is to quench the
gas sample and stop any further chemical reactions that might alter the
sample. For these tests, the range of pressures at the probe inlet from
reheat at sea level to military power at 22.9 km (75,000 feet) covered a
wide range. 1In order to have the residence time of the gas sample in the
16.8 meters (50 feet) line between the probe and the instruments not
exceed 2 seconds with low pressures at the probe, it was necessary to
eliminate the orifice. The probe was water-cooled, but under some condi-
tions the sample had traveled 1.5 meters (5 feet) down the line before it
was cooled to the wall temperature required by ARP 1256. What effect the
absence of the orifice had on the gas sample is not known. It was
assumed to be small.

All of the instruments used for these tests were designed to operate with
the sample gas at a pressure of one atmosphere. Frequently in these
tests, the sample gas was below that pressure. Therefore, there were
pumps in the sample line to raise the pressure. The pumps were insulated,
but not temperature controlled to the temperature required by ARP 1256.
What effect the pumps had on the sample is again unknown. And, again, it
was assumed to be negligible.

The sampling arrangement employed a single traversing probe. The probe
itself and the first few feet of the line were of Type 316 stainless
steel. At this point, a 1.8 meter (6 feet) section of Teflon was in-
serted in the line to provide the flexibility required to permit the
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probe to traverse, Later, it was learned that Teflon absorbs NO,.
Investigation revealed this absorption to be very slow. It was therefore
assumed that, with a maximum of 2 seconds residence time in the sampling
line, of which only 1.8 meters (6 feet) were of Teflon, the NO, absorption
was inconsequential.

Early examination of the NO, emission data led to the conclusio: *hat
there might be some destruction of NO in the sampling line. Th/- conclu-
sion was based on an informal knowledge of the information lat. + ublished
by C. England, et al.(12) These data show that, at an equivalec.ce ratio
of 1.0, a stainless steel probe reads approximately 24 percent less NO
than does a quartz probe. At an equivalence ratio of approximately 0.7,
the two probes read the same value of NO. The measurements in these
engine tests were made in the engine exhaust not at the combustor ecxit.
Consequently, equivalence ratios higher than 0.7 were never encountered.
Again, it was assumed that any error from this source could be neglected.

It has been necessary for CIAP to address the problem of the oxides of
sulfur, as mentioned in the introduction of this paper. Attempts to
measure these species failed. A flame photometer was used to measure the
oxides of sulfur on line. The instrument is regularly used to measure
sulfur oxides in ambient air quality situations and is therefore consid-
ered to be a good instrument. The instrument never became operational,
however, during these tests. At first, the instrument failed to indicate
any sulfur oxides even in known calibration gases located approximately

3 meters from the instrument. When the calibration gas line was changed
from stainless steel to Teflon, the instrument could then be calibrated.
Apparently, the stainless steel tube originally used caused some reaction
that prevented the sulfur dioxide calibration gas from reaching the
instrument. It was concluded that, during engine tests, the long length
of stainless steel sampling line caused this same reaction, thereby pre-
venting any oxides of sulfur from reaching the instrument.

In addition to the flame photometer, two wet chemistry methods were used
to measure the oxides of sulfur. The two methods are identified as the
West and Gaeke Method, and the Hydrogen Peroxide Method. Sulfur oxide
measurements were obtained by these two methods. However, these measure-
ments account for only 60 percent of the sulfur known to be in the fuel.
It is hypothesized, therefore, that the hot stainless steel probe located
in the engine exhaust could have acted as a catalyst to convert SOp to
S0., which would then convert to sulfuric acid. The sampling line was
conditioned to 423°K in accordance with ARP 1256.(11) This temperature
is below the boiling point of sulfuric acid. It is further hypothesi.ed,
therefore, that the sulfuric acid condensed on the walls of the sampling
line or in :he filter located ahead of the wet chemistry device to remove
the particulates that may be present.

Finally, our sampling probe has been critized because it was not designed
from the point of view of supersonic daerodynamics. The criticism is that
there was probably a standing shock wave in front of the probe, so that
the full temperature rise occurred across that shock wave. The concern
is that this temperature rise may have altered the sample. This concern
was discussed with the ARO engineers before the J85 engine test. Their
position, as T understand it, is that the same temperature would have
been attained within a few milliseconds regardless of the probe design.
As a result, it is assumed that any effect of the standing shock can be
neglected. It is recognized, however, that the shock pattern may influ-
ence the kinetics involved. Therefore, it is conceivable that the sample
was altered by the probe design used.
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These problem areas have been included to show people now beginning to
make emission measurements some of the pitfalls to be avoided. In addi-
tion, it may cause persons with a knowledge of the chemistry invelved to
come forth with methods to eliminate the problems for us.
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THE USE OF A ROTATING ARM FACILITY TO STUDY

FLIGHUT EFFECTIS ON JET NOISE

W, SMITH - ROLLS-ROYCL (1971) LIMITED (B.L.D.)

1. INTRODUCTION

There is ample evidence that forward speed has a
significant effect on both the generation and radiation
characteristics of exhaust noise. This noise can be
considered as a combination of jet mixing noise, nozzle
based tailpipe noise, internal noise and turbine noise and
its source level and in-flight characteristics are of prime
importance in both turbojet and turbofan engines.

Although in-flight effects on jet and exhaust noise
have been the subject of detailed study for some time, it is
only recently that measurement techniques have permitted
the systematic study of these effects with sufficient
precision to enable meaningful conclusions to be drawn.
These findings to date have been salutary in many respects
- particularly in regard to the unpredictability of the
flight performance of jet noise silencers. There clearly
exists a need to pursue these studies further to the point
where

i) reliable jet noise prediction methods have been
established which can cover in-flight situations
over a wide range of jet velocities, and

ii) sufficient in-flight/static comparisons have been
made with different forms of jet and exhaust noise
silencers to enable meaningful interpretations of
static tests and optimisation studies in terms of
the expected flight performance.

Several possible techniques are available by which
the effects of forward speed on jet and exhaust noise might
be studied, they include

a) Standard aircraft or flying test beds,

b) high speed taxying with a suitable aircraft

c) tracked vehicles on which an engine might be
carried

d) high speed road vehicles suitable for carrying

an engine
e) engincs or models mounted in a wind tunnel

f) models mounted on the end of a rotating arm.
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Each of the above has its own advantages and dis-
advantages, paramount among these being size 1limitations,
installation and operating costs, overall timescales,
installation problems, flexibility and forward speecd
capabilities,

One of the facilities which Rolls-Royce (1971) Ltd.
at Bristol is evaluating in detail is the rotating arm rig
which is used to study the effects of forward speed on jet
noise and uses model exhaust systems of between 1/5th and
1/10th full scale. Models are mounted as a tip jet unit
(which includes a combustion system) at the end of a 10m
(32 ft.) wing. Compressed air is provided to the tip jet
unit and the wing can be rotated at speeds up to 150 m/s
(500 fps) using the propulsive force from the tip jet at
conditions fully represcntative of turbojet engine cxhaust
conditions.

The main advantages of this facility are its ability
to provide high forward speeds, its low operating costs and
short programme timescales. The main disadvantages are
nozzle weight limitations due to centrifugal effects,and the
complex analysis techniques required due to the transient
nature of the noise signal,

This paper describes the rig, together with its
capabilities and limitations. The noise data acquisition
and analysis techniques are outlined and results obtained
from recent tests presented to indicate the repeatability
and accuracy of the data; together with a comparison of a
typical aircraft in flight measurement.

2. GENERAL DESCRIPTION OF THE FACILITY

The rig is essentially a single rotor blade and two
stub arms, rotating in a plane 4.5 m above ground level
(Fige 1) A jet unit complete with combustion can and inter-
changeable test nozzle is mounted at the tip of blade at a
radius of 10m. Compressed air, bled from two Avon
Series 200 gas turbine engines situated in an enclosed
engine house some 30m from the rig, is supplied to the rig
via a main supply pipe in which is situated the air control
valve and aixrx flow meter. After passing up through the
rotor head the air supply line is split into threce 76 mm
diameter pipes which carry the air through the wing section
to the tip jet unit. The test nozzles are mounted to the
tip unit by means of a quick break coupling to facilitate
nozzle changes,.

To enable the rotational speed of the tip unit to be
varied at constant nozzle flow conditions, remotecly contro-
1led air brakes are installed above and below the wing at
approx 9.2m radius. These brakes are essetially flat
plates approximately 76mm x 560 mm in size, and are
controlled by a closed circuit pneumatic system incorpor-
ating inflatable bags which adjust the brake angle and
hence the rotor drag. The system is controlled remotely
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from the main rig control cabin.

3, TIP JET ASSEMBLY

The complete tip jet assembly consists of three
sections, namely the nose unit, combustion chamber and test
nozzle,

The nose unit is a fairing covering balance weights
which are placed to maintain the chordwise balance of the
whole tip assembly. These balance weights ensure that the
centre of gravity of the tip unit, including the test nozzle,
lies on the neutral axis of the winy, thus avoiding twisting
the wing with consequent normal forces when in motion,

The combustion chamber which is located over the
three air supply pipes in the wing is of a simple design
consisting basically of a short flame tube with zonal inter-
mixing holes. A high energy igniter and fuel metering
atomiser positioned at the front of the chamber are
surrounded by an outer casing. Fuel is supplied under
pressure to the combustor unit, the method of pressurising
depending on whether the model nozzle is to be tested under
static conditions (i.e. with the wing tethered), or with the
wing rotating. In the tethered mode the fuel is supplied by
a Lucas high pressure pump direct to the combustor. 1In the
spinning mode fuel is supplied to the rotor head and then
through a rotating seal to a fuel line situated on the
leading edge of the wing. Burner pressure is generated by
the standing column of fuel in the supply line.

4. RIG INSTRUMENTATION

Rig instrumentation is provided in the tip unit with
which to determine test nozzle stagnation conditions when
the rig 1s in operation. Pressures are transmitted from the
measurement stations in the tip unit via hypodermic tubes to
8 pressure transducers mounted in the rotor hub. The volt-
age output from these transducers together with the output
from the thermocouples in the tip unit, are fed to a multi-
channel slip ring in the hub, The slip ring system is
limited to 15 channels covering both wing services and
temperature/pressure readout. Seven of the channels are
used for services which include: high energy igniter (2),
air brake control valve (2), air brake position indicator (1),
common negative earth (1), and multi-plex switching (1).

The remaining 8 channels are used for the pressure and
temperature measurement and by using multi-plex switching
there is a total capacity of recording 17 readings, of which
8 are pressures,

5. ROTOR SPEED LIMITAT IONS

In the interests of mechanical integrity and
operational safety the maximum rotational speed of the
rotor is limited. This 1limit is calculated from the
centrifugal acceleration of the tip jet unit and the known
variation of hub stress with tip speed and mass,
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The ultimate speed limit is bounded by:-

a) Maximum permitted under 'g' loading
= 3.3 revs/sec (200 rpm)

and b) The stress 1limit on the stub shaft
counterbalance weight retention studs
= 45 Kg (100 1b) per arm

The stress on the retention studs is dependant on
the actual mass required on the stub arms to effect complete
baiancing of the rig, and this mass is a function of the
all-up-mass of the tip jet unit.

Thus having established the counterbalance mass
reat cert on the stub arms it is possible to ascertain the

ma. ir..m rotational speed. This in effect results in
rrartlice in a maximum nozzle weight of approximately 15 Kg
(33 lbs) over the normal operational range over which tests
are performed.

6. ACOUSTIC DATA ACQUISITION

Two methods of noise recording are employed depending
on whether the wing is tethered for static testing, or
rotating for in-flight simulation,

6.1 Static Tests

Fig. 2 shows diagrammatically the rig and microphone
arrangements for static nozzle noise recordings. Essentially
the basic system uses a boom on which is mounted at 6m
(20 ft.) radius a ] inch Bruel and Kjaer condenser micro-
phone at nozzle centre line height and at normal incidence
to the nozzle exit plane. The pivot point of the boom is
positioned below the nozzle exit plane and an electric
motor is used to drive the boom, at a rate of 5  per second,
over an angular range from 20° to 150° to the exhaust axis,
Cams at 10~ intervals are used as angular position
indicators, a signal being recorded as the boom passes each
cam., To minimise ground reflection interference effects,
the boom is acoustically treated with acoustic foam wedges.

Additional microphones can be installed to suit any
particular requirements of the test programme being carried
out, and it is normal practice to utilise additional
microphones at certain angles to examine the stability of
the noise signal.

The signal from the microphone and the angular
indicator is recorded on an Ampex FR 1300 multi-channel
tape recorder, at a tape speed of 15 ins/sec.
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.2 1n-Flight Recordings

The basic microphone positions used for recording
in=-flight measurements are shown diagrammatically in Fig. 3.
A linear array of microphones is used although it will be
shown when describing the analysis technique that only one
microphone is needed to provide the complete angular range
(20° to 150° to the exhaust axis), thus the additional
microphones are only used for back-up purposes. All the
microphones in the array are positioned in the plane of the
wing at normal incidence relative to the nozzle exit plane
when the wing is in the position as shown in Fig. 4. A
microphone is also positioned at a distance of 3.8m above
the axis of rotation of the rig, this being used to examine
the stability of the noise throughout the test and can also
be used to carry out narrow band analysis as the angle
relative to the jet is a constant 90",

To give an accurate reading of the nozzle position
relative to the microphones while the wing is rotating, a
master pulse signal, together with 120 intermediate pulses
(3° increments) is recorded during each revolution of the
rotor.

Again to minimise ground reflection interference
effects the measurement surface between the rig and micro-
phones is covered with acoustic treatment.

The signals from the microphones and the rotor
positional transducers are recorded on an Ampex tape
recorder using a tape speed of 60 ins/sec. This high tape
speed is required for the in-flight measurements as it is
necessary to reduce the tape speed by a factor of 16:1 when
analysing the data, the reason for this will be explained
in the description of the analysis technique.

7. ACOUSTIC DATA ANALYSIS

Analysis of both static and in-flight measurements
is carried out on a General Radio Type 1921, 3rd octave
parallel filter analyser. The method used to analyse each
measurement mode however differs significantly.

7.1 Analysis of Flight Measurements

The principal problem encountered in the analysis
of the flight recordings is the rapid variation of noise
level with time. This is demonstrated clearly in Fig. 4
which shows the variation of overall noise with time at
the "outboard" microphone for a rotor speed of 1.68 rev/sec.
The problem resolves itself into finding a method of
obtaining adequate statistical accuracy of noise level
measurement over the frequency range of interest (200 Hz -
50 KHz) combined with adequate angular resolution of the
noise field shape. These fundamental requirements have to
be combined with the practical edgnstraint of a minimum
analyser averaging time of ;) sec.
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Fig. 4 shgws that in § sec. the rotor has turned
through about 757, a clearly unacceptable angular resolution.
The solution adopted is to reduce the replay speed of the
tape to 1/16 of the recgrdlng speed which then gives a
resolution of about #+2 of rotor moyement equivalent to
an acceptable resolutlon of about +#5° angle relative to the
jet axis at a high rotor speed (Fig. 5). Noise levels are
measured for 10 consecutive revolutions to increase the
effective signal averaging time at 1/16 of recording speed
to 1.25 secs (3 x 10 sec.) which gives a 95% confidence
limit of about +1dB at frequencies above 2500 Hz. The
mocel scale factor is of order 10 so that when converted
to full scale this accuracy is obtained at frequencies
above 250 Hz. At lower frequencies the accuracy will
deteriorate, but still yields a 95% confidence limit of
+1.5 dB at 125 Hz.

Timing of the analysis operation is clearly critical.
Transducers on the rig rotor head produce a master pulse
once per revolution and also a second set of pulses at
every 3 of angular movement; these pulses are also recorded
on the same tape as the noise. Triggering of the analyser
is performed by a timing unit using these pulses as input
and which makes allowance for the time taken by the sound
to reach the microphone from the nozzle. The timing unit
can be set to trigger the analyser at an instant corres-
ponding to any specified angle %o the jet axis of the noise
emission.

7.2 Analysis of Static Measurements (rotor tethered)

Analysis of static noise recordings is carried out
by more conventional methods. An integration period of
16 seconds is utilised for the recordings from the fixed
microphones at each test condition. The polar traverse
microphone recordings utilise the positional indicater
signal from each cam to trigger the analyser, and a 1 second
integration period is used at each angular position.

The ensuing data from the analyser, for both static
and flight analysis, appears on punched paper tape. The
computer applies microphone tape recorder frequency response
and atmospheric absorption corrections and prints out the
third octave tabulations etc., at model scale and if
required extrapolated full scale results.

8. NOISE RESULTS

One of the first features of the rig's performance
to be examined was its ability to produce repeatable results,
both statically and in-flight. This was achieved by
installing a nozzle unit and recording its noise character-
istics during repeated tests at given stagnation conditions.
The tests were made both under static and flight conditions,
the latter at a constant flight speed, over a period of
several days. Fig. 6 shows the results of the static
measurements, the data having been scaled to equivalent
engine size and presented as a plot of perceived noise (PNdB)
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against angle to the jet axis (@ ). This figure, shows
seven separate noise measurements with a scatter, in
general, better than #*1 dB. The corresponding flight
measurements, which in this case only covers five separate
results, areshown in Fig. 7. Although it can be seen that
there is slightly more scatter compared with the static
case, in general the scatter is no greater than #1 dB,
which compares favourably with that achieved from measure-
ments carried out on aircraft.

wWith encouraging results showing that the rig was
capable of producing repeatable noise data, it is now
possible to look at a typical result from tests performed
on a convergent nozzle, and examine the static to flight
changes.

Fig. 8 presents the results of static and flight
measurements from a convergent nozzle operating at a sub-
critical pressure ratio, with a resulting jet velocity of
505 m/s (1660 fps), and for the flight case at a forward
speed 71 m/s (232 fps). The results have been corrected
to the same distance for comparison. The reductions in
noise due to forward speed are seen to be largest at
angles close to peak noise, and that above 90~ to the jet
there is no reduction. The reduction in noise at 30
(peak static noise angle) is approximately 5 dB which is
equivalent to an eighth power dependance based on the
relative jet velocity (difference between jet and flight
velocities). This reduction in noise is thus in line with
the prediction based on the static noise velocity
dependance.

The ultimate evaluation of the rids performance
must be the ability to reproduce results which are
compatible with full scale measurements from aircraft in-
flight. This has been made possible by recent controlled
measurements on the Viper 601, installed in the H.S. 125
aircraft, together with the corresponding static measure-
ments. Fig. 9 shows comparisons, both statically and in-
flight, of the engine's noise characteristics at a
condition where jet noise is dominant, with those from
scaled model measurements on the spinning rig, at identical
jet velocities and forward speeds. The full scale results
have been corrected to free field conditions and all the
results extrapolated to a distance of 450 m for ease of
comparison. It can be seen that both statically and in-
flight the field shapes show very good agreement between
the scale model and engine results. Both show small
reductlons at peak, and increases in the forward arc
(6> 70° ) due to forward speed. This comparlson is
encouraging, and leads to greater confidence in the rids
ability to reproduce effects measured on full scale

engines. o
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9. FUTURE WORK

During the past twelve months the rig has been
extensively overhauled, instrumentation services improved,
and a very detailed noise programme has recently commenced.
This work will be aimed at evaluating in more detail the
rig's capabilities, for besides fundamental noise studies
on convergent nozzles to compare with existing data
measured in a wind tunnel, programmes are to be carried out
with models of silencer systems which have recently been
evaluated at full scale.

10.0 CONCLUS IONS

The results presented in this paper have s“own that
the rotating arm as a flight simulation facility is capable
of providing repeatable data for model exhaust nozzles. The
results for a standard convergent nozzle system are
compatible with in-flight measurements at full scale, and
give confidence that this type of facility is a useful tool
with which to evaluate meaningully and cheaply the in-
flight acoustic performance of jet nozzle systems.
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GENERAL VIEW OF ROTATING ARM FACILITY

FIG. 1.
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LIFE ENPANCEMENT OF TURBINE BLADES

R. V. Narayana Murthy

Intreduotien

Life of Nimemic 90 material turbdine dlades, fitted on engines
sanufactured in India under licence agreement had bdeen restrioted
to 250 heurs by the fereign cellaberatex. A few years dack, the
turaever eof engines at the factery was greatly hampered duwe teo a
dearth of mew sets of dlades. Many sets of dlades fitted on engines
were Rearing cempletien of the autherised 1life. These in turn affs
scted te a great exteat the eperatienal pregramme. An investige-
tion was therefore immediately undertaken te examine the pessibdiliyy
of enhancing the life of dlades. The investigation invelved a the-
exetical amalysis fellewed by testing fer creep en a few test spe-
cimens and an engine type test., Based en these exercises, the 1life
of dDlades was enhanoced te 300 heurs fer application en ene of the
nazks of the engine and te 550 heurs fer a derated versiea, The
investigatien made in the absence of cemplete design details and
sephisticated rig testing facilities benefited further utilisatien
of a large mumber of turbine dlades, which ethexrwise weuld hawe been
scrapped, The investigation alse enabled te tide over the diffi =
culties faced at the factery in meeting the preductien targets.
Further a censiderable ameunt of financial benefits was realised.
Sexrvioce experience en engines has been satiasfactery and a number
of blades have cempleted the increased 1ife witheut any incidemt,
It is felt that in an emexrgency a similar precedure ceuld de adep~
ted for enhancing the life of ether bighly siressed cemponents of
aero engines,

The purpose of this paper is to present im detail the inves-
tigation made here in connection with life develepment of tuxbine
blades,

Theoretical Amalyeis

As a presnble te oreep testing en test specimens and preve
ing trials ca test bed, a theoretical analysis was made by ocempu-
ting the stresses experienced at various statiens along the bdlade
height. Life of turbime bdlades is mainly limited by creep and fe-
tigue charscteristics. Ne design details apart frem mamufacturing
dravings snd engine performance figures were readily available, Ste
resses due te centrifugal force, gas bending moment and offaet
bepding moment at z24aximum rating cendition ef the engine were cal=-
culated, Thease values were then compared with the stresses reque
ired for rupture of Nimonmic 90 material in 500 heurs at tempers -
tures actually enceuntered by the dlade,
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Blade Strespes
The nain loadings preducing stress in a blade are dus te
(a) Tensien csused by centrifugal feroe
(») Bending resulting frem dlade lean
(o) Bending resulting frem gas lead
(a) Vibratien
(a) op due te oe ¢

Centrifugal stress ef a turbine blade is given by the relationm

fafuwiy
where f = centrifugul stress
€ = denaity of blade material
« = angular velecity
L = length of bdlade
r = mean radiuws

The blade was dividcd inte cenvenieat sectiens and the centri-
fugal ferces due te these sectiems were calculated, Sectienal
areas at variocus statiens were measured by the aid of a planimeter.
At these stations centrifugal stresses were computed by uwsing the
sbove fermula,

() 3e » e

Blade prefile invariably tapers frem reet te tip,and generally
thickness at the tip is the minimum censistent with asredynsmic xee
quirements. In general, centroids of sections at differeat radil
do net lie on a radial line but are arranged te lean in the direct.
ien of retation. Hence, a small element of the blade subjected te
centrifugal force preduces bending mement at the roet. The dlades
under consideration had centroids ef sections along the height effset
in both axial and ciroumferential directions. The dlade was divided
inte a mumber of elements by planes at right angles to the cadius.
Taking the centroid of reet section as origin, effset in axial amd
ciroumferential direotions at different stations was measured, 3Ben-
ding mements resul ting froem dlade lean weyre then estimated for maxe
inum engine rating cendi tien.
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A T T L Y I S T

(o)  Dending reyulting frem gep lead

Change of mmmentumn of gas passing ever blades pravides the
torque necessary for driving a turbine wheel. This feroe will met
be a unifernly distriduted lead aleng the blade length dut will vary
frem reet teo tip, depending upen the degree of reaction employed at
varieus redii. Ia addition te the torque resulting frem gas flew,
oach element of the dlade is also sudbjected te a thrust lead. In-
tegrals of these feroces aleng the blade length in the tangemtial
and axial directiens give an equivaleat single ciroumferential feroce
and thrust ferce soting at a redius whioh weuld induce in the rect
section the same stress as the actual leading due te the gas lferoe,
These foroces and censequent bending mements were ocaloulated fres
velecity triangles drawn fer varieus sections ef the dlade bymeking
the fellewing assumptions

(1) vay ,00-2« « cemstant
(11) Vwy ro..z“ = oenstant
(111) « = oenstaat aleng the height

vhere Va, = axial veleoity at entry te turbine reter

Vwy = whizrl veleoity at entry te turbine reter
r = radiuws

of = nessle exit angle

(d)  Stresses due te vidration

In engine eperation, there will net bde a uniferm flow eof
gas threugh blade passages, but the flew will censist eof a series
of puffs of ocyclic nature. This induces vibratien in dlades. Fer
the present investigatien, it was presumed that the designer weuld
have ensured there weuld be ne xesenance ef blades under all cendi-
tions of engine operation. Nevertheless, a variatieon eof 20 per

cent was allewed on the average steady gas bending stresses teo
acoeunt feor stresses due to vibratien and stress cencentrationas,

0 t Stresses

The bending mements in the oiroumferential directien due
te gas leads and oentrifugal ferces were added tegether as
well as these for the axial direction. Thus twe resul tant mements
were obtained in veth cirowmferential and axial directions. The
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bending mements abeut principal axes wexe then oalculated. The
rosul tant dending stresses at leading and trailing edges and at
back of the blade were then estimated using the relation 3

Stress at edge of blede . Zimin  yJmax
I min I max

where x = distance frem mimer principal axis te

edge of dlade
y = distance frem majer principal axis te
edge of dlade
I mnin, I max =« mements of inertia adbeut miner and majer
principal axes respectively.
Main, Maax = bending mements abeut mimer and major

prinoipal axes respectively,

Tote]l Stresses gnd Theeretical Blade Life

The tetal stresses at verious stations of the bdlade were ob-
tained by algedraic additien of stresses resul ting frem ocentrifugal
foroe, blade lean and gas leads. A check on total stresses to cater
for vidbration and stress concentratiens revealed an adequate margin
botweon tetal stxresses and ocreep rupture strength of the lhlade
saterial. The tetal stresses at maxiamum engine rating for ISA sea
level static cendition enly were detexmined since the engines were
net being operated by the service at other conditions such as Arctic
sea level Machi,Trepic sea level Mach! and ISA 15.24 Km Mach 2. The
total stresses cemputed are shewn in Table 1 and the same are plotted
in PMig. 1. The figure alse indicates the stresses required te rup-
ture Nimenic 90 material in 500 hours at temperatures uctually
experienced by the dlade. Thermal paint technique was empleyed te
determine the temperatures enceuntered by the blade inengime uming
oonditions. It is ebserved that the mest critical peint is the dack
of the blade at roet station. The tetal stxess at this point is
237 MN/m2, whereas the stress to rupture the blade in 500 hours at
the same lecation is 386 MN/m, Censidering the adequate margin
in the magnitude of stresses it was concluded that the 1life oflladss
could be increased to 500 hours theexretically. Since blades of the
same material were alee being used on a derated version of the ene
gine, & possibility eof enhancing the blade life to mere than 500
hours was envisaged for this application.

Test Results

The next part of the investigation cemprised oreep test on
fest specimens and type test en an engine.
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Creep Test

A few turbine blades whioh had been earl!ier sudjected to type
test for 314 hours were selected for creep test. A tensile 1loed
of 9964 KN was applied on test specimens maintaining the temperature
around them at 1023°K. The specimens withstood these loading oone
ditions for 278 houzrs before rupture. The failure was believed to
be not entirely dvs to creep but also due to high strain rate, Thus
it may bde observed that the sample blades withstood 314 hours of
type test and 278 hours of creep test making a total of 592 hours
prior to failure,

Type Test

Nimonic 90 turbine dlades had earlier withstood tgo
test oconditions for 314 hours, further testing on an engine on test

bed was programmed tc obtain additional data on oxeep characterise
tics. An engine fitted with 65 blades whioh had earlier oompleted
314 hours of type test and the remaining 60 blades which had oompe
leted about 200 hours of run in service was selected for the pure
pose, The schedule for the test stipulated oyclic running of the
engine conforming to the requirements laid down in D.Engg.R.D. Spe
ecification 2100. Each cycle of six hours oomprised acoeleration,
deceleration, prolonged running at various engine rating oconditie
ons and at a number of speeds dbetween idling and maximum, The
type test of about 100 hours duration was satisfactorily oompleted
and growth of the blades due to creep was found to be well within
allowable limits.

Life Enhanoement

From the foregoingz, the following may be observed i

() The theoretical estimation indicates that the dlade
1ife can safely be inoreased to 500 hours for applie-
cation on one of the marks of the engine and to more
than 500 hours on a derated version.

(v) Test specimens from samples of blades which had un-
dergone type test for 314 hours withstood a load of
99.64 KN at 1023°K for 278 hours.

(o) The growth of blades due to oreep was well within

limits even after more than 400 hours of ruaning une
dexr type test conditions.
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In view of the sbove, airworthiness authorities in India
considered it reasonable to enhance the life of blades to 300
hours for the stendard version engines and to 550 hours for
the derated version without jeopardisimg airworthiness of ene
gines.

Service Experjenge

One of the factors that restricted enhancing overhsul
life of engines was the limitation imposed on life of turbdbine
blades. The investigation regul ted in inoreasing the over-
haul life of one hundred and eightyethree standard version ene
¢gines to 300 hours. Hitherto nearly thirtyesix engines have
completed the enhanced life without any incident. Of the ree
maining engines, though some have been prematurely returned
from service for various reasons no engine bas been withdrawn
for failure of turbine blades.

Fiftyetwo derated version engines had been built with
Nimonic 90 turbine blades, Since the overhuul life of these
engines was about oneethird the enhanced life of blades, o
pumber of engines with original set of turbin: blades oould
be immediately released for a second overhaul. Consequent to
the enhancement of 1ife of turbine blades, no case of turbine
blade failure has been reported by the operators. However,
on oompletion of 400 hours the obndition of turdbine blades on
two engines received for second overhaul has not been very
satisfactory. On most of these bledas heavy ocorrosion and
erosion were noticed. The extent of erosion may be seen from
Yig. 2. This is probably dus to the presenoce of oexrtain
additives in the aviation gasoline used in the derated engines.
Further experience is awaited to probe the matter in greater

detail,

Bepefits of Life Extepsion

The present investigation which led to the enhanoement
of 1ife of turbine blades enabled overooming the difficul ties
experienced in meeting the production schedules at the factory
and also in further utilisation of a large number of blades,
Besides, on every engine a saving of about Rs. 20,000/=  hes

scorued, .
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Sonclusion

In the adsenoce of full design details and elaborate rig
testing facilities, the investigation enabled 1ife enhancement
of turbine blades with full confidence. In addition to pecu~
niary benefits to the tune of M.20,000/=- on every engine, the
investigation obviated a set-back in produotion targets at the
factory and also tided over operational difficul ties at the
service units. It is felt that in an emergency a similar phi-
losophy could be adopted for 1ife development of other stressed
components of aero engines. Obviously such an approsch is not
advisable where complete design caloculations,rig testing faci-
lities, development background, results of type test, flight
trials and sampling checks at various stages of operation in
service are available, for such detiils supplemented by servioce
experience are always deemed imperative by airwortbhiness autho-

rities in any 1life development progrsmme.
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TENSION + VE 125 BLADES/ROTOR m.hm MATERIAL
NIMONIC 90
RAM 10000 (100%) I.S.A S.L STATIC
BLADE STRESS mi/nr
;T;Il%gulgnn CENTRI - BENIING TOTAL
s FUGAL
OFF SET GAS
XAXIS |Y-AXIS | X-AXIS | YeAXIS
A IE |, 167.0 | =202.0| «21.85| +114.8 | +20.55 | +78.5
(rooT)
26,5 |TE |, 167.0 | «250.0| +29.4 | +148.2 | «27.6 | +67.0
B | +167.0 | +162.0 - - 92,0 - +237,0
B LE | + 141.8 | «115,0] «8.13 | + 64 .0] +14.5 | +97.17
™ | ,141.8 | =165.0] +11.45] + 92 ,0| -20¢4 | +59.85
20,8 B| +141.8 | +91.4 - =50,.8 S +182.4
LE + 10500 .6407 + 1.04 +34o15 *4025 + 79074
c TE | +105.0 | =52.5 | «1.98 | +27.8 | <6.48 | + T72.24
(MEAN)
310 | 3 | ,105.0 | +36.30| - -19.23| - + 122,07
D LE + 5804 .6502 =0.88 “"35.1 +1,.18 + 2806
T | « 58,4 | =75.5 | +1.32 | +40.75] =1.76 | + 23,21
33,2 | B| 4 58.4 | +36.9 - «20,00| = + 75.3
E LE 0 0 0 ) 0 0
TE 0 0 0 0 0 0
-
354 | B 0 0 0 0 0 0
LE = LEADING EIGE, TE » TRAILING EDGE, B = BACK

TABLK 1, STRESSES AT VARIOUS STATIONS ALONG BLADE HEIGHT
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'STRESS TO RUPIUKE IN 500 NOURS
NIMQNIC 90 MATERIAL TURBINE BLADE.
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FIG. 1, ESTIMATED STRESSES ALONG BLANE EEIGHT.
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FIG, 2. CONDITION OF BIADE AFTER
400 BOURS.
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1. INTRODUCTION

The cost of a mission in the earth orbit with a rocket driven launcher is
considerably reduced when all the stages are designed for an aerodynamic
landing at a predetermined place and when they can be reused several times
(Space Shuttle System). An undisputed economy is to be expected, when a
booster-stage for the overall rlight schedule through the dense atmosphere
is equipped with air-breathing jet engines and consistently utilised as an
aerodynamic launcher. Besides the ecoaomy of the situation, other indirect
advantages to be gained by using such aerodynamic booster-stages are:

- the free choice of launching sites and launching inclinations as a
result of the high manoeuvrability of the booster-stage with relatively
low fuel consumption. This advantage can have a very special signifi-
cance for European space research.

- the unproblematic recovery of the booster-stage to the launching site.

- the reliability necessary for "space traffic" and the limiting of the
accompanying acceleration.

In the current paper, the first topic to be discussed is the requirements
of air-breathing engine systems. The limitations that one has to face in
adapting air-breathing engines for space applications have been studied,
the necessity of introducing changes in the air-brathing engine cycles and
the possibilities for the variations of the thermodynamic processes have
been compared and discussed. The influence of air precooling before com-
pression on the overall performance of the air-breathing turbo engines has
been specially investigated, particularly with reference to an air pre-
cooled conventional turbojet designed for this special application. A
detailed quantitative comparison of this engine with other fcasible con-
cepts, against the background of technological advances, has been made for
a special application in an aerodynamic booster-stage.

2. AIR-BREATHING ENGINES FOR SPACE-LAUNCHERS
2.1 Requirements

It can be accepted that a fully reusable aerodynamic space-launcher with
a useful payload, that could be launcned in a lower earth orbit, should
consist of two stages. In order to reduce the work of the rocket-propelled
"Orbiter" the horizontal take-off "Booster" equipped with a more economic
air-breathing propulsion system must be designed for higher maximum flight
Mach numbers, preferably over M_=10.

For su~h high flight Mach number ranges, the Scramjet seems to be the only
possibility. The boundary layer temperatures rise even in the case of such
Jjet engines, above the range of M_=10, to values of over T=4000 K. The
high temperstures coupled with the large,surface area require a very large
amount of cooling. kven using liquid hydrogen (LH,) as fuel, it could be
seen that a larger quantity of liquid hydrogen is used for cooling than
for the combustion itself. Taking into account the thermal problems asso-
ciated with the vehicle body itself, at the present stage of technological
development, the limiting maximum tlight Mach number is still reduced,
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vhen an aerodynamic booster-stage is to be accelerated by air-breathing
engines.

The essential advantages of an air-breathing jet engine over a rocket can
only be fully recognized, when a jet engine system can be developed which
covers the overall atmospheric flight Mach number range, from the start to
the maximum flight Mach number. It should not be heavier than a conventio-
nal turbojet with reheat, which in the lower flight Mach numbers gives a
comparable thrust. The specific fuel consumption of such jet engines should
lie below that of conventional turbojets with reheat, and specially in the
higher flight Mach number ranges (up to M_=7) below the corresponding

ramjet.

The jet engine dimensions required and consequently the engine mass depend
essentially on the magnitude of specific thrust F/m_, that the turbojet
achieves in the higher flight Mach number ranges. In order to avoid the
unused thrust and the inlet drag in the lower flight Mach number ranges,
the value of F/zha with increasing flight Mach number must fall as little
as possible.

To summarize, the following are the requirements of an air-breathing jet

engine to be used in a space-launcher:

- sufficient starting thrust and sufficient thrust surplus in the transonic
flight range;

- useful up to flight Mach numbers above M_=6;

- higherspecific thrust F/m_ mainly for higher flight Mach numbers;

~ lower specific fuel consumption &f/F over the total flight Mach number
range;

- high thrust/weight ratio F/(m .g ) with uncomplicated and high reliabili-

: .e' %o

ty construction of the turbojet.

2.2 Propulsion Systems based on Conventional Aerospace Jet Engines

The flight Mach number range of the air-breathing turbo engines is limited
by the permissible temperature at the compressor exit. Similarly, using
the conventional turbine cooling methods with air from the compressor, the
limit for the reheated turbojet is about M,*3.5-Where it is possible to
precool the turbine coolant by a process of heat exchange with the fuel or
to utilize the fuel directly for blade cooling, it is to be expected that
the flight Mach number range could be raised to M _=L.5., Here the compressor
exit temperature reaches a value of T 2=1200 K which, for a compressor
with uncooled blading, is, for technoiogical reasons, considered the maxi-
mum permissible. The same limiting flight Mach number is also naturally va-
lid for the Turborocket that has been for some time under experiment s

If the turbojets described above are used for the start and the initial
acceleration in combination with a ramjet, their internal parts in the
higher flight Mach number ranges must be hermetically screened against the
through-flow; their external cover then must be cooled with fuel against
heat exchange from the hot outer streams into the internal turbo engine.

2.3 Thermodynamic Process Possibilities for such Special Applications

This special application of employing air-breathing engines for accelerated

launchers, results in the possibility of using liquid hydrogen as fuel.

Apart from the fact that liquid hydrogen has a higher energy content per

unit mass end is therefore econumical when compared to other hydrocarbons

(l1ike ATK, JP4), it also acts as a heat sink, which can be used as a pre-

coolant of the air before the compressor inlet:

- For the same pressure ratio, this leads to lesser compression work, and
improves the specific thrust and specific fuel consumption.

- The reduction in temperature at the,ﬁpmpressor inlet induces an increase

-
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vhen an aerodynamic booster-stage is to be accelerated by air-breathing
engines.

The essential advantages of an air-breathing jet engine over a rocket can
only be fully recognized, when a jet engine system can be developed which
covers the overall atmospheric flight Mach number range, from the start to
the maximum flight Mach number. It should not be heavier than a conventio-
nal turbojet with reheat, which in the lower flight Mach numbers gives a
comparable thrust. The specific fuel consumption of such jet engines should
lie below that of conventional turbojets with reheat, and specially in the
higher flight Mach number ranges (up to M.$7) below the corresponding
ramjet.

The jet engine dimensions required and consequently the engine mass depend
essentially on the magnitude of specific thrust F/m_, that the turbojet
achieves in the higher flight Mach number ranges. In order to avoid the
unused thrust and the inlet drag in the lower flight Mach number ranges,
the value of F/m_ with increasing flight Mach number must fall as little
as possible.

To summarise, the following are the requirements of an air-breathing jet

engine to be used in a space-launcher:

- sufficient starting thrust and sufficient thrust surplus in the transonic
flight range;

- useful up to flight Mach numbers above M¢=6;

- highersgpecific thrust F/m_ mainly for higher flight Mach numbers;

- lower specific fuel consumption ﬁf/F over the total flight Mach number
range;

- high thrust/weight ratio F/(m .g ) with uncomplicated and high reliabili-
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ty construction of the turbojét.

2.2 Propulsion Systems based on Conventional Aerospace Jet Engines

The flight Mach number range of the air-breathing turbo engines is limited
by the permissible temperature at the compressor exit. Similarly, using
the conventional turbine cooling methods with air from the compressor, the
limit for the reheated turbojet is about M,*3.5-Where it is possible to
precool the turbine coolant by a process of heat exchange with the fuel or
to utilize the fuel directly for blade cooling, it is to be expected that
the flight Mach number range could be raised to M_=h,5, Here the compressor
exit temperature reaches a value of T 2=1200 K which, for a compressor
with uncooled blading, is, for technoiogical reasons, considered the maxi-
mum permissible. The same limiting flight Mach number is also naturally va-
1lid for the Turborocket that has been for some time under experiment 5

If the turbojets described above are used for the start and the initiel
acceleration in combination with a ramjet, their internal parts in the
higher flight Mach number ranges must be hermetically screened against the
through-flow; their external cover then must be cooled with fuel against
heat exchange from the hot outer streams into the internal turbo engine.

2.3 Thermodynamic Process Possibilities for such Special Applications

This special application of employing air-breathing engines for accelerated

launchers, results in tne possibility of using liquid hydrogen as fuel.

Apart from the fact that liquid hydrogen has a higher energy content per

unit mass and is therefore economical when compared to other hydrocarbons

(like ATK, JPh), it also acts as a heat sink, which can be used as a pre-

coolant of the air before the compressor inlet:

- For the same pressure ratio, this leads to lesser compression work, and
improves the specific thrust and specific fuel consumption.

- The reduction in temperature gt thezsgmpressor inlet induces an increase
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in mass flov rate. This allows for a similar thrust, smaller turbo en-
gine dimensions, and thereby reduces weight.

- Finally the reduction in temperature at the compressor outlet allovs a
substantial increase in the fligh% Mach number range of the air-breath-
ing turbojet engine - and this is the factor which really makes it
worthy of serious consideration as a propulsion system for an aerc-
dynamic space-launcher.

Precooling the compressor inlet air by means of fuels such as liquid
methane or hydrogen, was proposed by Mordell as early as 1961 in the "In-
verted turbojet". For the proposed utilisation of tae special turbojet for
a space-launcher, this is not suitable, since in the take-off and
transonic flight ranges a totally insufficient thrust is developed.

The Texaco Experiment Inc.'s projected "Air Turbo Exchanger (ATE)", suffer-
ing from the same disadvantage, must likewise be rejected as a propulsion
system for a booster-stage. Here the turbine is designed to operats only
with fuel, essentially hydrogen. This hydrogen fuel is previously pre-
heated in a heat exchanger located in front of the compressor.

An increase in thrust in the lower flight Mach number ranges is possible,
when the hydrogen before its entry into the turbine is heated by reaction
with an oxidiser. The flight load consumption of this turborocket with air
precooling increases rapidly with the oxidiser. This is, however, some-
thing which has to be put up with in the lower flight Mach number range
as, in the starting phase and climb, up to an altitude of about H_=10 km,
the heat exchanger must not be operated with hydrogen, because of the
icing dangers due to humidity in the lower atmosphere.

Besides the already stated limitations in their applications, the uncon-
ventional turbojet concepts mentioned have the disadvantage that in their
technological specifications, they considerably deviate from the standards
required of modern aeronautic turbojet construction.

On the other hand, because of their largely conventional construction, re-
heated turbojets with precooling of the air before compression (TJ+PC)
appear particularly suitable as high speed propulsion systems for the very
near future (Fig. 1). Even without air precooling, these turbojet types
produce in the subsonic regions, for start and climb, a high amount of
thrust with a reasonable fuel consumption. With precooling, in thc entire
flight Mach number range, already mentioned from the transonic phase right
up to the maximum flight Mach number, this type of propulsion system
offers a comparatively economical fuel consumption, as will be shown later.

As a result of the reduction in temperature at the compressor inlet, the
mass flow inducted is higher and with that the thrust developed by the
engine increases to such an extent, that although an addition in weight
through the utilisation of a heat exchanger is involved, an economical
thrust/weight ratio is achieved compared to the conventional reheated tur-
bojet. The main advantage of precooling the air lies in the extending of
the flight Mach number range, and though in reas‘ity the flight Mach num-
bers are higher, the conditions before the compressor remain with precool-
ing as they would be for a lower Mach number without precooling.

The hydrogen used as fuel in the main and after -burners is heated in
the opposed flow heat exchanger to a temperature in the vicinity of the
flight stagnation temperature T, (Fig.1). It is therefore possible that
with increasing flight Mach numgers a continuously increasing heat capac-
ity could be absorbed from the air stream. This would be carried in the
heat exchanger because of a higher mean temperature difference between the
distributed streams with increasing Tto'
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In spite of its higher flexibility a reheated bypass turbojet with air
precooling (BTJ+PC) is not suited to the current application. As against
the TJ4PC, the BTJ+PC has no added udvantage as far as fuel consumption
is concerned. A favourable improvement of the fuel consumPtion is achieved
under certain operating conditions by a liquidization of the air stream
and a fluid phase compression of the primary flow. The main disadvantage
of such jet engine concepts and similar systems with air liquidising,
apart from their less conventional construction, is that they develop an
insufficient thrust for start and subsonic climb flights.

Besides the possibility, afforded by air precooling, of running turbojets
up .to such high flight Mach numbers that they can be employed as propul-
sion systems for the booster-stapes of space-launchers, the special nature
of the application also dictates the following necessity for the thermody-
namic processes:

If by means of under-stoichiometric fuel supply one limits the allowable
combustion chamber temperature to a technologically acceptable value of
about T max-2&00 K, then the ramjet will cease to provide sufficient
thrust geyond approximately M~‘55*6. If the same maximum permissible com-
bustion chamber temperature is maintained by combustion of a rich fuel
flow, an increase in the jet velocity and thrust is obtained. The ramjet
is now suited for over M =7.This is however, at the expense of an increase
in the specific fuel consumption.

As in the case of a turbojet with air precooling the fuel stream is also
the coolant stream, a rich fuel/air mixture¢ not only involves an increase
in the jet velocity but also increases the effect of precooling. This re-
sults in an increase of the jet thrust and also a comparable extension of
the flight Mach number range over M _=6.5.

The thrust increase results in an improvement of the thrust/weight ratio
and also a shortening of the flight duration of the accelerated space-
launcher. Even with an air-breathing engine with fuel-rich combustion
(where it is assumed that the fuel consumption is naturally higher), an
overall reduction in the amount of fuel can result.

3. SPECIAL REQUIREMENTS OF THE COMPONENTS AND CALCULATION METHODS EMPLOYED

In order to make a comparative study of the performance of the air-breath-
ing jet engine systems for higher flight Mach number ranges, the calculat-
ion must as far as possible be based on realistic assumptions and calculat-
ion methods; otherwise a completely different picture could result.

Besides the real gas conditions of the working fluid, in both the low tem-
perature and dissociation regions, the information about the momentary
characteristics of all the components must be readily available for the
computer. This especially applies to the operating conditions of the com-
ponents. The realities and technical limitations should also be taken into
consideration.

The special requirements of the supersonic inlet of the air-breathing jet
engines for space-launchers arise from the unconventional higher maximum
flight Mach numbers. The inlet should to be located under the wing; there,
as a result of the established shock, the velocity hardly reaches a value
of M =i, although the flight Mach number itself is of the order of M_=T.
The inlet is considered as a plane l-shock inlet with & combined outer and
inner compression. The problem of matching the inlet with the jet engine

is solved by a limited variation of its geometry; in the case of the turbo-
jet with air precooling, additionally by controlling of the intensity of
precooling and by regulating the rotor speed.
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The capacity of a jet engine with air precooling is dependent on the heat
exchanger, and the work output of this has a decisive effect. For the cal-
culation of its pressure loss, dimensions and weight, the measured data
vere based on the heat exchanger matrices C), vhich were ideally suited
for the present case. The matrices indicate a high ratio of heat exchange
area/volume by a low weight. In spite of consequently reducing the high
degree of heat exchange, a larger amount of hotter fluid was possible for
& lesser volume and accompanying low pressure losses.

The computational consideration of the changes in pressure ratio, mass

flowv and efficiency of the compressors with the current entry conditions,
wvas based on suitable characteristics. The gaseous fuel and the extremely
short combustion length simplify the mixing process and make possible the
adoption of a smaller combustion chamber volume. Because of the possibility
of using a relatively small after-burner with hydrogen cooling, higher peak
temperatures could be realised.

The reduced thrust nozzle sectional area remains approximately constant.
The mixing of the bypass air in the thrust nozzle reduces, in the lower
flight Mach number range, the drag of the inlet and also the outer drag

of the thrust nozzle. The couputation of the actual expansion was approxim-
ated in accordance with Bray's criterion.

4. PROJECT LAYOUT OF A TURBOJET WITH AIR PRECOOLING

In the following pages a project layout of a reheated turbojet with air
precooling (TJ+PC) is presented, which is designed to drive the aerodynamic
booster-stage of a space-launcher.

4.1 Assumptions

The aim of this project was to conceive an uncomplicated jet engine. The
engine should be suitable for accelerating the booster-stage from start to
a flight Mach number M_=7, as well as for an economical return. At the
same time the technological specifications should, as far as possible, not
exceed the achieved standards of present-day aerojet construction.

For the flight trajectory of the booster a path, which for an accelerated
flight is relatively high (see Fig. 2), was chosen, the maximum pressure
in the after-burner not exceeding 6 bar. Although the booster after start
first followed the path shown by the dotted lines all the calculations,
even those beneath H =11 km, are based on the extended path, so that the
curves calculated can more clearly be followed.

The heat exchanger is so located and regulated that the hydrogen, even in
the higher flight Mach number range, is not heated beyond TH2 max=1050 K.
This means the hydrogen after emerging from the heat exchange? can even be
used for an effective cooling of the after-burner and the thrust nozzle,
without allowing the wall temperature to exceed 1200 K.

The inlet area of the compressor was taken as A, =1 m2 for all the calculat-
ions. In order to design the turbine as a single stage one, the compressor
pressure ratio was limited to (w _.)..=7 at design point. As design point
efficiencies for the compressor, turbine and thrust nozzle average

standard values were taken.

The inlet temperature of the cooled turbine - Tt =1800 K ~ lies within

the average test standard operating conditions o; today. The cooling air
needed for the turbine cooling, obtained from the heat exchange with the
fuel stream, has an intermediai: temperature of T=500 K,so that Tt could
be maintained constant independent of the compressor exit temperaéure Tt2'
The maximum peak temperatures in the after-burner could for the reasons

mentioned be raised from the current standard temperatures by 300 K to
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about Tt max-2h00 K.

In order to determine the influence of air precooling on the thrust/weight
ratio, an estimation of the jet engine mass was made. During the heat ex-

chunger calculations, the mass of the heat exchanger was obtained, and the
jet engine mass itself was determined by a statistical method.

4.2 Conception of the Jet Engine

An overall view of the jet engine concept is shown in Fig. 15 a. The plane
L-shock inlet at flight Mach numbers lesser than M_sk, inducts a larger
amount of air than is needed by the turbojet. Therefore, in the lower
flight Mach number ranges, a part of the inlet inducted air bypasses the
turbo engine and, together with the exhaust gases, is expanded in the
common thrust nozzle. The aBiount of bypass is controlled by the adjustable
"cold" thrust nozzle. Above M =k, the air consumption of the turbojet en-
gine exceeds the air supplied by the inlet. To avoid "supercritical" oper-
ation of the inlet and the accompanying high losses, the rotor speed must
be continuously reduced.

After the air has passed the opposed stream heat exchanger, it is inducted
into the 6-stage compressor. The smaller unit length of the compressor
with the short combustion chamber, and the single-stage turbine, allow a
very solid construction and simple Learings of the monolithic rotor. Be-
hind the short after-burner in the -onvergent part the hot thrust nozzle
is located, which forms a transition from a rotationally symmetric turbo
system to a plane thrust nozzle of variable geometry.

4.3 Influence of Air Precooling on the Thermodynamic Process

The influence of air precooling on the value of the temperature T, , at
compressor inlet is shown in Fig. 3. During the start and at the beginning
of the climb, because of the danger of icing in the heat exchanger, pre-
cooling of the air must be avoided. The dotted curve gives the variation
of temperature T,, at compressor inlet without air precooling. This is
practically the same as the stagnation temperature T .+ The drawn curves
show the reduction in compressor inlet temperature as a rasult of pre-
cooling.

In order that the allowable maximum temperature in the after-burner does
not exceed 2400 K, either the fuel/air ratio must, as the stagnation tem-
perature increases, be continuously reduced (thin curve), or one must
limit the combustion end temperature by a corresponding increase in fuel
content (thick curve). For the two operating conditions, the differences
in the temperatures are sketched (Fig. 3); these arise because of the
different fuel streams and also because of the differences in the quantity
of coolants. For the curve with (B8>8__) a kink is cbtained around M_=5,
because there in the heat exchanger Eﬁe liquid hydrogen has reached its
maximum temperature.

The effect of precooling on the temperature Tt at compressor exit is
shown in Fig. 4. The technologically calculateg limiting temperature
vhich should be obtained at M _=4.5 is first reached at about M _=T7.

In view of the reduction in the compressor inlet temperature, the reduced
rotor speed N//f;ﬁ and the corresponding mass rate of flow at compressor
inlet increases. 4he noticeable increase of the engine air flow, which
forms the main part of the thrust increase as a result of air precooling,
is shown in Fig. 5.

The different specific thrusts likewise increase owing to air precooling,
and this is directly due to the increase in compressor pressure ratio
without corresponding increase in the turbine pressure ratio (pt3/pth)'
This results in an increase of the overall pressure ratio pth/ptIE
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of the turbo unit (Fig. 6), where Pl is the total pressure behind the tur-
bine und p 1E the total pressure at the end of the intake nozzle in front
of the hen§ exchanger,

L.k Analysis of the Characteristics of the Jet Engine

In order to eliminate the influences of the mounting aspects of the jet en-
gine on the thrust, the engine is firstly considered without external
assembly.

The variation of the thrust, based on air induction, F/h_with and without
precooling is indicated in Fig. 7. Because of the increasingly higher de-
viation of specific thrust, it is not essential for an undesirably large
amount of air to be inducted, with higher flight Mach numbers. This would
tend to increase the intake dimensions to an inexpedient extent.

Fig. 8 shows the variation of specific thrust, based on fuel consumption,
F/h, with flight Mach numbers. By air precooling with under-stoichiometric
combustion, the specific thrust F/m, increases on an average by nearly

10 %, but with over-stoichiometric retios F/m, falls to very low values.

In this case, a greater thrust and an extension of the flight Mach numbers
must be attained at the cost of higher specific fuel consumption. The over-
all drive mass for fulfilling the flight conditions need not be negatively
affected by this.

Apart from the influence of air precooling on the amount of fuel mass that
is needed for the driving phase, the effect of precooling on the thrust/
veight ratio is decisively important. Fig. 9 shows the specific thrust
variation, based on engine weight, against flight Mach numbers. The mass
m_for a turbojet engine with precooling (TJ+PC) considered along with the
héat exchanger, is naturally greater than for an uncooled standard turbo-
jet (TJ) because of the mass of the heat exchanger. Above flight Mach num-
bers M =0.8, however, the higher thrust/weight ratio more than compensates
for this apparent excess in mass.

5. OVERALL PERFORMANCES OF COMPARABLE JET ENGINE CONCEPTS

In the following section the performance values of the turbojet engine with
air precooling and other comparable jet engine systems are discussed.

The jet engines under donsideration (Fig. 10) are the reheated Turbojet
with air precooling (TJ+PC), the reheated Turborocket with air precooling
(TR+PC) and the Ramjet (RJ) in combination with the turbojet engine (TJ)
or the Rocket (R). The simple turborocket is less suited for such com-
binations.

The aim of the comparative study was to examine the jet engines that are
best suited for use in an acrodynamic space-launcher, and to determine the
mass of the total drive system (fuel and engine mass) for the entire
trajectory of flight. To enable a fair comparison of the different jet
engine systems, they were all analysed in accordance with the same system.
The performance parameters will now be described, taking into account the
inlet size, the wing mountings and also the jet engine drag in the extern-
al streem.

5.1 Comparison of Performance Values

As all the jet engine concepts already discussed are suited for the accel-
eration of a space-launcher in the envisaged flight Mach number range only
with combustion at a fuel-rich stoichiometric ratio I shall restrict my-
self to plotting soleley the curves concerned.

Fig. 11 shows the variation of the specific thrust F/lha for the flight
Mach number range discussed. The reason why the performance curve of the
turbojet with air precooling falls slightly below other jet engines at
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higher flight Mach numbers is that here the overall pressure ratio of the
turbopart lies below unity.

The strong reduction in the specific thrust based on fuel rate for the
TR+PC and the RJ+R in the lowver flight Mach numbers is a result of the
oxygen needed (Fig.12). For comparison, the variation of the specific
thrust F/m_, of an 02/H2 rocket wvhich was driven with an optimum mixing
ratio is p‘eleutod.

The four jet engine systems compared have a geometrically similar intake
and intake capture area A_, a similar compressor inlet area A,, a similar
thrust nozzle exit area and the same peak temperature T -2ﬂ00 K. The
turbine inlet temperature of the turbojet at design con&fefons vas 'I't =
1800 K, vhile the turbine inlet temperature for the turborocket with 3ir

precooling varied between 600 K<Tt3<12°° K.

Fig. 13 presents the thrust variation of the individual jet engines. In
these curves the nett thrusts are available after deduction of the jet
engine drag, and those which are effectively available for propulsion of
the craft, and wvhose drag is shown in the diagram, are presented. Dc /ne
is the part of the drag of the craft which a single jet engine normaily
suffers. The drag curve D__/n_ vs M _rhas been obtained for the quasistatio-
nary case of an unacceler5€edehorizonta1 flight of an aerodynamic space-
launcher obtained by a take-off mass m2 =230 000 kg in combination with a
2-stage O0,/H, rocket with a payload m ?2 000 kg for an earth orbit of 200
km. laturgll the optimal dimensions Yor the discussed jet engine concepts
are different.

Finally, Fig. 14 shows the drag variation of the compared jet engines. The
high drag of the combination jet engines at low flight Mach numbers, is a
result of the thermal blockage.

5.2 Comparison of the Total Drive Mass as Illustrated in the Case of a
Space-Launcher

On comparison, the TJ+RC and the RJ+TJ are specially suited. For these pro-
pulsion systems, the total drive mass has been estimated and compared. The
total drive mass consists of the installed engine mass and the total mass
of fuel vhich would be needed for the acceleration of the booster stage up
to the stage separation for the given flight trajectory.

Fig. 15 compares the sectional views of a TJ+PC and RJ+TJ. At intake
the two systems look identical, but an apparent excess can be seen in the
presence of a heat exchanger in the TJ+PC. On the other hand, in the RJ+TJ
the following are the main excesses:

- the significantly larger after-burner;

- the flap system for the hermetic sealing of the turbo-part;

- the cooling of the total bypass channel including the external envelope
of the turbo-part. On the other hand, the bypass channel of the TJ+PC in
the higher flight Mach number range is not supplied, so that no excessi-
vely high temperatures or high pressures are reached.

The total excess in engine mass of the combination jet engine RJ+TJ can be
clearly seen to be overcome with an TJ+PC.

In Fig. 16 the overall mass m v namely, the installed engine mass m_ and
the fuel mass m_, vhich must BE carried for acceleration to the flight
Mach number M_ Dy the alternative utilisation of a TJ+PC and RJ+TJ, has
been shown against M_. For the estimation of these curves the number of
motors for the particular turbojet concepts, namely, the overall installed
turbojet dimensions (A1 v,A ) were optimised to give the minimum overall
engine plus fuel mass. Basides, the different optimum transition Mach num-
bers, namely the Mach numbers at which the combustion was switched over
from a weak to a rich stoichiometric mixture, in the after-burner, vere
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also taken into consideration.

As seen in fig. 16, the calculations show that in the case of a TJ+PC a
comparably lower overall drive mass is possible. This is particularly no-
table, in view of the fact, that in every case of an uncertain assumption
the TJ+PC vere always decided against. The calculations were made as far
as possible accurately with some limitations of course. The author is awa-
re of the fact that it is not possible for him to make a complete calcu-
lation, because of the several limitations, namely, the multidimensionali-
ty of the flow, which could only be taken into account with correction
factors, and also the operating conditions of some of the components were
roughly estimated and taken into consideration.

6. CONCLUSIONS

It hes been shown, in general, that air precooling before compressor inlet
is a suitable way of extending favourably the flight Mach number range of
an air-breathing turbo engine. Thereby it is possible without a ramjet com-
bination to make the air-breathing engine attractive as propulsion system
for an aerodynamic booster-stage, for the start and acceleration of the
space~craft. Another definite advantage of the air precooling with regard
to the development stage of the turbo engines, is that these need only a
test facility of upstream Mach numbers M =k to 4.5 to obtain conditions at
- o
flight of M_=T7.

As e special case, the reheated turbojet engine with air precooling serves
the requirements of space-launchers very suitably. Another advantage of
this special turbojet concept is that it fully utilises the current tech-
nological development facilities of conventional aircraft propulsion sys-
tems yet does not much exceed these requirements either. The problem faced
is essentially the development of suitable heat exchanger matrices and, as
experience indicates, such developments have already been made. However,
besides the variable intake, owing to the strong temperature gradients the
heat exchanger is likely to pose design difficulties. The thermal stresses
by heat exchangers of conventional construction, however lie within the
controllable range, because of the relatively elastic matrix.

Finally, it remains to be stated that a turbojet engine with air precool-
ing, using liquid Methane as fuel and with air-rich combustion is eminent-
ly suited as a propulsion system for a supersoric transport (SST) with
flight Mach numbers between M_=3 to 5. With its relatively simple con-
struction and an economical thrust/engine weight ratio, it offers a com-
paratively low specific fuel consumption.
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COMPOSITE PROPULSION SYSTEMS FOLL AN ADVANCED
REUSABLE LAUNCH VEHICLE APPLICATION

Joseph G. Bendot
The Marquardt Company, Van Nuys, California, U,S, A,

ABSTRACT

The composite engine combines the best features of airbreathing and rocket
engines into a simple, integrated, highly flexible propulsion system, These
propulsion systems feature multimodal operation capability with cycle process
interactions between engine components. Increased engine performance results
from this synergistic design approach, Examples of composite engines are the
Ejector Ramjet (ERJ), Superchorged Ejector Ramjet (SERJ), SCRAMLACE and
Ejector SCRAMJET. This class of engine is also frequently referred to as mixed
cycle engines, rocket ramjet engines, and less frequently compound cycle engines,

This paper will summarize a detailed engineering study conducted to evaluate
the potential of composite engines when applied to the first stage of a two-stage
manned advanced reusable launch vehicle. Briefly, the launch vehicle mission/

design constraints were as follows:
® Reusable vehicle, passenger/light cargo payload
° Two stage to 262 nautical mile (485 kilometer) orbit
° Horizontal takeoff and landing
° Hydrogen/Oxygen (rocket engine only) propellants
° One million pound (453600 kilogram) vehicle takeoff gross weight

° Full mission profile, liftoff to landing with 3 ''g" acceleration
limit (manned application),

Payload in orbit was the prime evaluation criteria,

A total of 36 composite engines were evaluated for this mission/application, In
all cases considered, composite engines were clearly shown to be superior when
compared to an advanced liquid rocket engine, Payload in orbit results are
presented for the more attractive composite engines. In addition, vehicle pay-
load perforriance as a function of vechicle staging velocity is presented. Typical
staging velocities are Mach 8 to 10,
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INTRODUC TION

Launch vehicles in which all components are fully reusable must eventually be
developed if truly low cost space launch operations are to be achieved. The

horizontal takeoff and landing airbreathing launch vehicle has inherent features
which make it a prime candidate for future second generation shuttle systems,

The rocket engine is characterized by high thrust to weight ratio but at low specif-
ic impulse values. In contrast, true airbreathing engines are characterized by
high specific impulse performance but engine weights are heavy, The composite
engine combines the best features of rocket and airbreathing cngines into simple
integrated, highly flexible propulsion systems,

As suggested in Figure 1, a fully rcusable launch vehicle (two stage to orbit,
mission), powered by composite engines, may offer major improvements in
payload in orbit performance. This paper summarizes a detailed engineering
study conducted to evaluate the potential of the composite engine, *

COMPOSITE ENGINE SYNTHESIS, DESIGN, AND OPERATION

The elemental propulsion systems which provide the basic building blocks for
synthesizing composite engines are the familiar rocket and airbreathing systems,
which are symbolically illustrated in Figure 2.

If it is desired to incorporate the features of both elements (rocket and airbreather)
in a single vehicle, two approaches are obvious: the elements may be installed
either separately or integrally, The former may be termed a combination pro-
pulsion system, Thus, to illustrate the contrast, combination propulsion systems
incorporate two or more elemental engine types in a nonintegrated installation,
i.e,, with little or no direct physical or process interaction between ergine types
within the vehicle's propulsion complement,

If, however, the elements are physically integrated into a single propulsion
system, having multimodal operation capabilities, with cycle process inter-
actions between elements, the result is a composite propulsion system. Increas-
ed engine perfo-mance results from this synergistic design approach,

Marquardt approached the composite engine from the standpoint of expanding and
developing the functions and operation of the basic ramjet cycle. Thus a clear
initial goal was to provide the ramjet with low speed thrust capability such that it
could accelerate under its own power to ramjet cruise conditions, The Ejectoxr
Ramjet is thus the most simple composite engine which integrates the rocket
function and ramjet function into a single integrated engine (seec Figure 3). The
Ejector Ramjet engine has two operating modes: (1) Ejector Mode and (2) Ramjet
Mode (high flight speed operation),

*This study was sponsored by the National Aeronautics and Space Administration
(NASA) under Contract NAS7-377. Marquardt was supported in this study by the
Lockheed-Culifornia Company and Roqk‘e.tdyne.
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Manned high supersonic/hypersonic speed aircraft will cruise on ramjet power,
However, such aircraft also require low speed cruise/loiter capability at low
specific fuel consumption., The Supercharged Ejector Ramjet (SERJ) engine mcets
these requirements, In this engine, a low pressure ratio fan/gas generator is
integrated with the ejector primaries and ramjet/afterburner. The fan provides
an additional pressure rise for the high thrust/acceleration Ejector Ramjet opera-
ting mode, or Fan Ramjet operation (i, e. augmented turbofan) for intermediate
speed acceleration, or low speed cruise/loiter capability with the ejector and
ramjet components inoperative, (IFan Mode)., During ramjet operation, the fan
may be allowed to windmill or be removed from the airstream, The windmilling
technique has been experimentally demonstrated,

The Ejector Ramjet and SERJ engines can be designed for cryogenic (i.e. liquid
hydrogen, liquid methane) or storable propellants, Advanced high performance
composite propulsion systems which operate over a very wide flight speed range
have been established by combining ramjet, Ejector Ramjet, SERJ, supersonic
combustion and/or LACE engine technology. The Ejector SCRAMJET, RAMLACE,
and SCRAMLACE engines are shown in Figure 4, Figure 5 illustrates the
Supercharged Ejector SCRAMJET, Supercharged RAMLACE and Supercharged
SCRAMLACE engines.

The basic LACE engine cycle uses the large cooling capacity of liquid hydrogen
to liquefy air., Therefore, this basic engine cycle and its derivatives are limited
to the use of liquid hydrogen fuel. The Supercharged Ejector SCRAMJET and
Ejector SCRAMJET engines can be designed to operate on cryogenic fuels or
storable propellants, The basic technology to develop these advanced engines
has largely been demonstrated; however, development of these engines will be
more costly and will require a longer development period than for either the
Ejector Ramjet or Supercharged Ejector Ramjet engine,

Figures 4 and 5 described several composite engines which use the basic LACE
engine as the ejector primary/rocket subsystem, These engines are RAMLACE,
SCRAMLACE, Supercharged RAMLACE and Supercharged SCRAMLACE, The
performance of these engines can bhe significantly improved if the cooling capacity
of liquid hydrogen can be increased. One demonstrated approach is the use of
slush hydrogen (super cooling) which lowers the hydrogen boiling point from 36°R
(20°K) to approximately 25°R (14°K). The performance potential of this technique
as applied to the RAMLACE engine is illustrated in Figure 6. In this composite
engine application study, this cooling/improved performance concept was evalua~
ted for the following enginc designs:

Recylcled RAMLACE

Recycled SCRAMLACE

Recycled Supercharged RAMLACE
Recycled Supercharged SCRAMLACE

The ejector mixing and pumping (jet compression) offered by the ejector primary/

rocket subsystem forms the heart of the Marquardt developed composite engine

cycles. The kinetic energy of high pressure ejectors is used to induce airflow

at low speed conditions and at all flight speeds to raise the total pressure level
1<0<
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of the mixed air/primary system, As with all airbreathing engines, thrust and
cycle efficiency increase as the cycle pressure ratio is increased.

The continuity, momentum and energy equations relate the aerothermodynamic
properties of the fully mixed air-primary (i.e. mixer exit) to mixer entrance
flow conditions, Experimental mixing data are in close agreement with predic--
tions, However, the length required to achieve full mixing cannot be analytically
predicted and, therefore, must be experimentally correlated,

Representative ejector/mixer performance in terms of total pressure ratio is
presented in Figure 7 as a function of secondary/primary mass flow ratio or
more simply engine airflow/ejector propellant flow ratio. Achievable ejector/
mixer total pressure ratios are modest, therefore, the resultant improvement
in engine performance is maximum at lower flight speeds.

Marquardt has conducted an intensive jet compression research program, Initial
ejector primary propellants (fluids) included heated air, hydrogen/air and hydro-
gen/oxygen, Later tests included hydrocarbon fuels and hydrogen peroxide as the
oxidizer, As a result of this work, the required mixer length was correlated as
a function of the number of primary nozzles, the primary exit Mach number,
air/primary flow rate ratio, primary/secondary total temperature ratio and
mixer/primary geometry (see Figure 7). Efficient jet compression with short
mixer lengths has been demonstrated.

The Ejector Ramjet engine cycle has been successfully demonstrated in several
engine test programs, Initial small scale demonstrations were accomplished
with hydrogen/air and hydrogen/oxygen ejector primary subsystems, Later,
two 18-inch diameter Ejector Ramjet engine demonstration programs were con-
ducted using hydrocarbon fuel/hydrogen peroxide propellants. A photograph of
the second test engine is presented in Figure 8, Briefly these test programs
demonstrated the following:

° Experimental thrust stand performance agreed within + 5% of
predicted performance,

Both engine operating modes were demonstrated.
Mode transitions were demonstrated.
Ejector primary throttling was demonstrated.

Afterburner throttling was demonstrated.

[ 4
Static and high flight speed operation were demonstrated.

Thus, the composite engine has been convincingly demonstrated in scale engine
test programs,

The composite engine is characterized by its multi-operating mode capability
and resultant mission flexibility. The flexibility of this class of engine is
illustrated in Figure 9. Specifically, this figure describes the operating modes
of the Supercharged Ejector SCRAMJET engine when used to power an advanced
reusable launch vehicle. A single stage to orbit option is apparent,
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Studies conducted by Marquardt and several major airframe companies have
shown that while composite engine multimode operating flexibility is a valuable
asset, the mission optimization process is complex and requires more effort
than for single operating mode engines.

ADVANCED LAUNCH VEHICLE APPLICATION

Marquardt evaluated the performance potential of composite engines when applied
to an advanced reusable launch vehicle, Briefly, the launch vehicle/mission
design constraints were as follows:

Reusable vehicle, passenger/light cargo payload

Two-stage to 262 nautical mile (485 kilometer) orbit

Horizontal takeoff and landing

Hydrogen/oxygen (rocket engine only) propellants

One million pound (453600 kilogram) vehicle takeoff gross weight

Full mission profile, liftoff to landing and 3'g'" acceleration limit,
Payload in orbit was the prime evaluation criteria.

A total of 36 composite engines were evaluated for this application/mission;
however, the engines of primary interest have been reviewed in this paper.
Study results were compared to '"Very Advanced" rocket and Turboramjet
engine performance,

The baseline composite engine fully rcusable launch system is a two-stage,
horizontal takeoff and landing, nested lifting body configuration, The first stage
provides an aerodynamic pressure field for the inlets of the integrated propulsion
system, The all-rocket second stage vehicle is fully recoverable and reusable
and was established in a previous study program.* The design of this vehicle
was not perturbed; rather, it was scaled in accordance with first stage cap-
abilities.

An orbital launch system was defined for each composite propulsion system,
Figure 10 describes a representative system. Specifically, the first stage of
this launch vehicle is powered by SCRAMLACE engines. Figure 11 presents an
artist's rendering of this vehicle,

In general terms, composite engines operate on ejector (primary rocket) mode
from Sea Level Static to as high as Mach 2, where ramjet mode transition occurs,
For engines employing the subsonic combustion mode, the maximum airbreathing
Mach rumber is 8, For engines employing the SCRAMJET mode, the transition
from subsonic to supersonic combustion occurs at Mach 6 and this high speed
mode nominally continues to Mach 12, Specifically, engine operating modes/
transition speeds were optimized in terms of minimum propellant plus engine
weight for each composite propulsion system, Figure 12 illustrates the broad
range of composite engine performance during ejector mode operation, Corres-
ponding Sea Level Static Engine thrust to weight ratios are also presented,

*NASA Contract NAS8-11463 122§ -
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A stated objective of this study was to compare composite engine mission results
with '"Very Advanced'' rocket engine propulsion. For this study, '"Very Advanced"
rocket engines were defined as follows:

Propellants Liquid Hydrogen/Oxygen
Cycle Fuel Rich Tap Off
Oxidizer/Fuel Ratio 6.5

Chamber Pressure 2000 psi (141 kg/cm?)
Specific Impulse, Sea Level 375 sec.

Thrust/Weight Ratio 179

The results of the mission analysis study are preseated in Figure 13 in terms

of payload in orbit and system total dry/gross payload weight ratio, System cost
effectiveness was specifically not an objective of this study. However, system
total dry/gross payload weight ratio is a rough indicator of total system cost,

With these results, two composite engines were selected for further detailed
study. An objective of this study was to conduct an assessment and evaluation
of engine technology requirements. This resulted in the selection of the two
composite engines; (1) the first engine should provide attractive payload in orbit
performance yet only require near term technology for its successful develop-
ment while (2) the second engine should provide near maximum payload in orbit
performance recognizing major advances in engine technology would be required
for its successful development, The selected engines were: (1) near term
technology - Supercharged Ejector Ramjet engine and (2) advanced engine
technology - SCRAMLACE engine.

These two engines and comparison '"Very Advanced' rocket and Turboramjet
engines were intensely studied, For example, optimum* launch vehicle staging
velocity was defined (see Figure 14), In addition, study of the '"Very Advanced"
rocket powered vehicle was expanded. Specifically, three takeoff modes were
evaluated:

1, Horizontal takeoff and landing (internal landing gear)
2, Horizontal takeoff and landing (rocket sled assisted takeoff)

3.  Vertical takeoff,
Optimum staging velocities for these vehicles are also presented in Figure 14,

In the same format as previously presented, the results of this detailed study are
presented in Figure 15, This figure compares the following engines:

° '"Very Advanced' Rocket

° Supercharged Ejector Ramjet (SERJ)
° SCRAMLACE

° Turboramjet.

It should be noted that the payload in orbit values are the maximum from
Figure 14,

*In terms of payload in orbit performance
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These results indicate a more favorable position for the '"Very Advanced' rocket
engine particularly with the alternate takeoff modes, These results notwith-
standing, the payload in orbit potential of the composite engine is clearly shown,
The Turboramjet engine shows excellent growth potential; however, development
of the Supercharged Ejector Ramjet engine could be accomplished for a fraction
of the development cycle and cost of the Turboramjet engine,

Although the Ejector Ramjet engine was not evaluated in the detailed engineering
study, its high performance/low development cost potential should be recognized.
If first stage loiter is not established as a requirement, this conclusion becomes
stronger, With this engine, development of rotating machinery is not required
and this engine cycle has been convincingly demonstrated in several engine test

programs,
124<
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