UNCLASSIFIED

AD NUMBER

AD907817

NEW LIMITATION CHANGE

TO

Approved for public release, distribution
unlimited

FROM
Distribution authorized to U.S. Gov't.
agencies only; Test and Evaluation; 29 DEC
1972. Other requests shall be referred to
Air Force Dynamics Laboratory, Attn: PTB,
Wright-Patterson AFB, OH 45433.

AUTHORITY

AFWAL ltr, 11 Feb 1980

THIS PAGE IS UNCLASSIFIED




o

AD 907817

—~

AFFDL-TR-72-147 - VOL. IV

PROPULSION SYSTEM
INSTALLATION CORRECTIONS

VOLUME iV:
BOOKKEEPING DEFINITION — DATA CORRELATIONS

DD

W. H. BALL (20 iR
THE BOEING COMPANY

TECHNICAL REPORT AFFDL.-TR-72-147 — VOL 1V
DECEMBER 1972

Distribution $imited to V.5, Government agencies only;
test and evaluation; statement appHed 29 Dscamber 1C72,
Other tegueidts for this document must be referred to Air
Force Flight Dynsmicy Laboratory (PTB), Wright-Patterson
Alr Force Base, Ohlo 45433

AlIR FORCE FLIGHT DYNAMICS LABORATORY
AIR FORCE SYSTEMS COMMAND
WRIGHT-PATTERSON AIR FORCE BASE, OHIO 45433

MAR ¢ 1973 1
E@gwm_j

=

-—




a8 o

a1 AN demant b tu

NOTICE

When Government drawings, specifications, or other data

are used for any purpose other than in connection with a
definitely related Government procurement operation, the
United States Government thereby incurs no responsibility
nor any obligation whatsoever; and the fact that the
Government may have formulated, furnished, ox in any way
supplied the said drawings, specifications, or other data,
is not to be regarded by implication or otherwise as in any
manner licensing the holder »& any other person or corpora-
tion, or conveying any rights or permission to manufacturs,
use, or sell any patented invention that may in any way be
related hereto.

Copies of this report should not be returned unless return
is required by security considerations, contractual obliga-
tions, or notice on a specific document,

&y

[

©

LW

ik



tiert N LN

fasaed

CEEIGMACT - de.0n EVAAL,

YO
A

PROPULSION SYSTEM
INSTALLATION CORRECTIONS
VOLUME IV:
BOOKKEEPING DEFINITION — DATA CORRELATIONS

W. H. BALL

. istrbution llmited to W, §, Government agencivs only,

. tost and avaluauion, statemont applivd 29 Decembiur 1972,
Othet requasts for this document must be reforred to Air
force Fllght Dynamics Laboratory (PT8), Wrignt-Patterson
Alr f orce Base, Ohla 45433




- bt tas
S prrrreaair

‘FOREWORD

%his report was prepared by the Regearch and Engineering
Division, Aerospace Group, of The Roeing Company under

Air Forc¢e Centract r33015 72-C~1580, "Propulsion System
Installation Corrections", Project 1366. The program was
conducted under the direction of the Prototype Division,
Air Forcé Flight Dynamics Laboratory, Air Force Systems
Command. Mr. Gordon Tamplin was the Air Force Program
Monitor,

The proygram was initiated on 31 December 1971 and draft
copies of the final reports were submitted for approval
on 31 October 1972.

Dr., P, A. Ross wag Prégram Manager and Mr. W, H., Ball

was principal investigator during the program., Significant
contributions to the program were made by the following
individuals: Mr. Joe¢ Zeeben, engine performance; Dr, Franklin
Marshall, inlet and exhaust system technology; Mr. John Petit,
nozzle internald performance and nozzle/afterbody drag; and
‘Mr., Gary Shurtleff, programming.

This report containc no classified information extracted
from other classified reports,

Publication of this report does not constitute Air Force
approval of the report's findings or conclusions, It is
published only for the exchange and stimulation of ideas.
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LL Col. Ernest J. Cross, Jr.
Chicf, Prototype Division
Aix Force Flight Dynamics Laboratory
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ABSTRACT

This report presents thé results of a research program to

develop a procedure for calculatlng propulsion system in-

stallation losses., These losses incélude inlet and nozzle
internal lossed and external drag losses for a wide variety
of subsonic¢ and supersonic alreraft configurations up to

Mach 4.5. The calzulation procedure, which was largely

develépéd from existing engiheering: procedures and experi-
mental data, is suitable for preliminary studies of
advanced aircraft configurations. Engineering descrlptiong,

equations, -and flow charts are’' provided to help in adaptan

the calculation procedures to digital computer routines.
Many -of the .calculation procedures have already been programmed.
on the CDC 6600 computer. Program listings and flow charts
are provided for the caxﬁulatlon procedures that have been
programmed. The work accomplished durihg the program is .con~
tained in four separate volumes. Volumé I contains an
eng;neerlng description of the calculation procedures;

Volume II is a programmer's manual containing flow charts,
listings, and subroutine :descriptions. Volume III contains
sample calculations and sample input data. Volume IV con-
tains bookkeeping definitions and ‘data correlations,
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SYMBOLS AND NOMENCLATURE (Continued)
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SECTION I
INTRODUCTION

This document presents a detailed discussion of the bookkéeping
system uséd in PITAP to. aécount for aeropropulsion forces. It
also presents the data correlations which provide a basis for
the generalized data plots used in the PITAP procedure. A
catalog of useful inlet data is presented which provides
géometric and performance data for several specific configura-
tions. This catalog of data contains a number of sets of data
already prepared in the PITAP input format. These data can be
used directly to generate installed performance data for inlet

configurations which are like those for which data .are available.

The purpose of this document is to provide a ready source of
reference material that will be useful in understanding and
using the PITAP procedure. To achlevelthls objective, as much
information as possible is presented that could be helpful. It
is set up in .a manner that will make it easy to add additional
data as it becomes. available.
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SECTION II
BOOKKEEPING DEFINITION

2.1 INTRODUCTION

The neéd for a performance integration system in an airplane
development program arises largely from the 1nab111ty to

déetérmine the performance of the complete airplane system, ]
with simultaneous real inlet and exhaust system operatlon,

in one test or one calculation. Furthermore, it is usually
desirable to optimize the inlet and exhaust system in separate
/ téests which .re independent of the general aerodynamic drag

1 testing of the basic airplane configuration. Thus, a well-
defined performance integration system is requlred to insure
¥ that the performance estimated for the various elemenus (1 e.,
: inlet, -exhaust system, airframe, turbomachinery) of the air=
plane system are properly integrated to yield an accurate
prediction of overall system performance.

kY

The approaches taken by the major airframe contractors .
(References 1 through 9) in treating this problem are all
similar in concept. The aerodynamic drag testing of the basic
ailrplane configuration is done with some reference inlet and
exhaust system condition, Most commonly this testing is done

with the propulsion system represented by a flow nacelle (i.e.,
flow-through duct). Thus, the reference inlet and exhaust
system simulation on. the airplane drag model is that which

is achievable under flow~through conditions. To extrapolate
from this condition to the full scale airplane condition in
flight, separate inlet and exhaust system tests are conducted

‘with a portion of the airplane geometry and flow properties
duplicated in the region of the inlet »r exhaust system being

studied. These separate tests include full engine simulation

so as to allow measurement -of draq increments of the operating
condition relative to that which is producéd on the airplane

reference flow nacelle. For ‘the nozzle this requires blowing

high preSsure air through the exhaust system to produce the

pressure ratios and external nozzle geometry consistent with -

the installed engine in fllght. For the inlet this requires

varying the mass flow and inlet geometry on the flow-through

nacelle. The inlet and exhaust system drag increments thus

obtained are then combined with the internal propulsion system

y thrust and airplane drag to obtain a prediction of overall

' thrust-minus-drag performance of the airplane system as depicted

in Figure 1.

‘,‘4
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Fundamental to this performance 1ntegratlon is the definition

adcptéd for the thrust and drag forces. Herein liés the con-

troversy or bookkeeping differences that currently afflict the

industry. From a performance ¢aleulation standpoint it is

immaterial how the split is made between thrust and drag

provided that all forcee exerted on the alrplane system are

accounted for once &@nd only once as either a -drag foince or a

thrust force. The split defined however, has implications

in accuracy, test technique employed, accountability and com=

parison of component performance between alrplanes. These

implications can be made evident by considering a specific

example. Assume that the split or Bookkeeping definition is

éstablished by the condition of the flow nacelle on the air-

plane drag model. Further, assume the reference flow-nacelle ]
condition is one which passes airflow equal to the inlet ¢
capture area through the duct for all Mach numbers (i.e.,

MFR = 1.0).

Both the inlet and nozzle geometry are significantly altered

relative to the operating condition of the propu1510n system to )
achieve this condition. Thus, as shown in Figures 2 and 3, the :
propulsion force increment measured relative to this reference

will contain a sxgnlflcant drag increment that is associated

with the flow-through simulation of the propulsion system yeo-

metry on the reference flow nacelle. These "configuration !

change" drag increments will ultimately have to be assigned :
to airplane drag (i.e., scaled from model test data) when -
comparison is made with flight test data; when evaluating
performance of competing airplane configurations or when
attempting to develop a technology base for predicting drag: of
the real airplane in flight. This is completely correct and
consistent bookkeeping., However, consider that with this
kind of reference significant configuration dependent drag
increments for the airplane system are measured on inlet and
nozzle component models which are designed to accuratelv
measure external force changes associated with engine £1low

and pressure/ratlo change rather than on the airplane drag
modél which is used to develop the airplane configuration,
Referring to Figure 2, by simply changing the flow nacelle
condition then the configuration. change drag increment becomeas
a part of the total measured for the airplane, the airplane
drag contains the interference associated with it., Note some
small correction to the drag polar may still be required due
to - differences in the inlet ramp angle. This increment, how-
ever, as lnd;cated in the figure will usually be quite small
and on a scaled basis will not significantly affect the air-
plane drag buildup accuracy.

From this brief example it is apparent arbitrary selection of

the bookkeeping is not desirable if one strives to meet overall
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objeétives for airplane system performance prediction accuracy.

Rather, selectlon should bée based on satlsfylng criteria de-

rived from the overall objectlve.

First of all, aecuraéy of simulation and measuremént in the
wind tunnel is réquired, mot only for the propulsion system
components, but also for the aiyplane system. Thus, all
aspects of the propulSLOn systém such as external geometry
and inlet flow that can be obtained with the flow nacelle
simulation should be attempted on the airplane drag model

provided the reference condition so obtained can be accurately

reproduced on the propulsion model, Secondly, the performance
1ntegrat10n déefinition and integration procedure must afford

as much visibility as possible of the behavior of the components
involved (inlet, nozzle, airframe; englne) censistent with the
accuracy requirement, in order to provide a basis for comparison,
evaluation and devélopment of component technology. This is
bést obtained by selecting references for the inlet, nozzle

and airplane which not only provide a near operating condition
but at the same time are sufficiently general to be adopted for
a variety of airplane systems and types.

Finally, it is de51rable that a single performance integration
system can be found that would be applicable throighout the
entire alrplane development cycle (e.g., from the initial
theoretical design through flight test). This will make it
possible to trace the evolution and adequacy of the performance
prediction of the airplane system relative to component or sub-
systems performance over the total life of the progran..

‘With these criteria, and a review of bookkeeping (References 1-9)

a performance integration method described below was evolved.

2.2 SYSTEM DEFINITIONS

The basis for a cbmplete accounting of forces acting on the air=
plane system in flight is to a large extent derived from the test
'technlques used to simulate the propulsion and airframe subsystems.
Hence, the perrormance integration system definitions are de-
¥ived from a wind tunnel referance based on the following:

1) Engine thrust is -ejtablished from a static full scale thrust
measurement with inlet internal pressiire and exhaust system
altitude condition reproduced in the test cell.

2) Airplane drag is derived from a referencé full airplane
force and moment model having a flow nacelle simulator of
the propulsion system at a specified mass flow condition.

3) Inlet drag is derivéd either from the full airplane model
or a partial airplane model using a flow nacelle 51mulatlon
and theé sanie reference condition as 2},
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4) Exhaust system drag is derlved from a full or partial
airplane model hav1ng faired over inlets: and blown
nacelle 51mulatlon for jét effects and the same re-
ference condltlon as 2).

The reference condition is established: with the airplane model.
It is a measurable repeatable condition which is accurately
duplicated on the inlet and- exhaust nhozzle models and serves

as the connéctor for the éxpéerimental buildup of the drag
polar for the "basellne" airplane.

The "baseline" for the full scale airplane drag is a specified
inlet and exhaust System geometry and flow dondition, where=
in the propulsion system throttle dependent ‘drag is definéd to
be zero. All engine throttle conditions different from the

aseline conditions produce a throttle dependent drag which is
charged to the engine net thrust. Thus the "baseline" defini-
tion constitutes the bookkeeping. deflnltlon for splitting
thrust and drag on the full scaleée airplane.

With these definitions the total force for the airplane in the
flight direction is given by

F
Ny Dp/p
— A- : A ~
Fo 7 ~ ' - Ll
Frorar = 7% F + AF + AF ~ Do rne=ODgyy o ~AD (1)
Timl Mg Nepxn  Npyy, ~— REF O EXHUINL
i A/P  A/P

The first three terms on the right side of equation (1) combine
to- form, by definition, the propu151on system net thrust, FN .
(There n is the number of engines on the airplane). The A
three terms subtracted at the end combine to form the airframe
system drag, which is independent of engine throttle setting,

: A/P’ All drag variations associated with changes in throttle

setting are included in the inlet and exhaust system force in-
créments, M‘\I and AFN , respectiveély,
SINL EXH

All of the terms on the right side of equation (1) are defined
below..

2.2.1 ENGINE NET THRUST, FN
_ R

The engine net thrust Fyp is defined to be the difference be-=

twéen the gross thrust of the exhaust systém in quiescent air,
at a specified pressure ratio, and the ram drag .on the engine

i RS A UM ML b B e sl Wl Sk i < VT e e T e SO VORI SRR S
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streamtube at the specified fllghtzcondltlons. The engine
streamtubé includes by definition all of the airflow demand
at the englne facé as well as any secondary airflow captured
by the engine inlet and ducted around thie engine to the ex-
haust system. Any additional airflow captured by the inlet
o and ducted overboard thxough bleed or bypass systems, or

f : simply lost by leakage, i$ not part of the éngine stréamtube.

The effects of inlet intérnal performance, i.e., inlet total

} preéssure recovery and steady-state and dynamic distortion, are
accounted for in the engine net thrust, Thus, identical
englnes in a multi-engine airplane might proéduce different
enginé net thrusts because of different inlet installations.

) The effects of engine bleed, engine power extraction, and
L exhaust system internal performance are also accounted for in
* the engine net thrust.

The term "gross thrust" used in this definition of engine net

thrust is the force that would be measured on the balance in a
| blowing test, in quiescent air, if the inlet air were intro-
duced in a direction normal to the ‘thrust direction. For most
.eéxhaust systems the gross thrust equals the integral of total
momentum (axial momentum flux plus pressure increment above
dmbient) across the nozzle exit plane, ‘For a plug nozzle it
also includes the force (in quiescent air) on the part of the
‘plug extending beyond the exit plane.

The "ram drag" used in this definition is the product of the
mass flow in thé engine streamtube and the flight velocity.

Thu-; the engine nét thrust FNR can be determined in an altitude

3 chamber with an available engine using conventional techniques.
‘The effects of inlet internal performance would be simulated,
and the measured thrust would be corrected to the proper ram
drag for the flight conditions being simulated.

2.2.2 Inlet Thrust Increment, AFypy

The inlet thrust increment (inlet throttle dependent drag) is
the drag increment between the inlet at its baseline condition
and its operating’ condition., It is. derived from:

AF . = AF : - AD
NINL TOTAL INL

N

INL=A/P
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whére

AFTOTAL INL is the ‘total inlet drag measured relative to
the refsrencée flow nacélle condition.

ADINL—A/P is theé drag increméent between the reference flow
nacelle and baseline inlet.

The relationship hetween the various increments thus -defined
are shown geometrically in Figuré 4. Note that the reference
and basellne condition for the inlet is intended to ‘be the same
and usually differ only because of‘dlfflculty in achieving the
full scale baseline condition on the small scale reference air-
plane model. Thus ADINL~A/P is usually quite small and is used

to correct the reference airplane drag to the baseline airplane
drag. The inlet baséline condition is defined at each Mach
number as shown in Figure 5. These conditions were chosen be-
cause:

a) it corresponds to an accurate reference and measurable
.condition for the real inlet,

b) it corresponds to a condition when inlet spillage drag is
minimum (i.e., minimum Llip separation and therefore less
error in scaling),

¢) it is near the operating condition of the inlet (airplane
reference model therefore contains major inlet inter-
ference effects).

Figure 6 compares theoretical buildup of the total inlet drag
with the éxperimental definition established above. The ex-

perimental buildup of the inlet forces from balance and flow

nacelle measurements is defined in Figu¥e 7. Figures 8 and 9
show the éxperimental results schematically for the subsonic

and supersonic conditions respectively.

Typlcal data thus obtained from a full airplane model is shown
in Figure 10. The corresponding total inlet drag dérived from
the data is shown in Figure 11.

2.2.3 Exhaust System Thrust Increment, AFN
. L . EXH

As for the inlet; the .exhaust system thrust increment is the

throttle deperident drag increment between the baseline exhaust

system condition and its operating condition. It is derived

from:

10
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L. .y . ] L,__; - -
‘ “E‘ext ref
AF sotinl = External Force . External Force |
For Real R -For Reference- {~#=Experimental
Inlet Condition /° . Inlet Operation

Where:

Dgjeed and DBypass = Drag as§ociated with momentum-loss and exit doors of
respective systems,

i

D Add Integrated pressure along inlet capturéd stream tube

u

Integrated pressure and skin‘friction over all surfaces

D .
Press +'S.F.
ress affected by spillage.

* If secondary air is removed fromi inlet or leakage differences oécur between model
and full scale then these drag losses must be included as well.

Figure 6: TOTAL INLET DRAG BUILDUP
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AF, = AP oo = ADL
NEXH, TOTAL EXH EXH SYS

where

- "—' K -«‘ - - pA .oy N {_ . - -
AFTOTAL EXH 1§ the total exhaust system drag measured
relatlve to the reference flow nacelle nozzle condition

ADEXH=A/P is the drag increment between the reference

and baseline nozzle conditions.

The relationship between the varlouc/;ncrbments thus defined
are shown geometrically in Figure 12. The difference between
the reference and baseline condition wil) be greater for the
exhaust system because of 1nabrllty to simulate both inlet and

exhaust system baseline condition simultaneously with a flow
nacelle. Thus, ADEXH—A/P“iS the airplane drag correction

bridging the gap between the flow nacelle nozzle and real

baseline nozzle., The baseline condition selected for the

nmozzle was maximum afterburning external geometry and a jet

exit static pressure ratio of 1.0. This allowed duplication
of real external nozzle geometry while at the same time pro-
viding sufficient base area for maximum inlet mass flow

requirements.

The theoretical bulldup of the -exhaust system drag is shown in
Figure 13 compared to the experimental definition. A schematic
of the blown nacelle installation used in the experimental

buildup is shown in Figure 14. The blown nacelle is alternately

operated with tunnel off (wind-off static thrust) and with wind
tunnel on at desired Mach number condition. The measurements
thus obtained are combined as shown in PFigure 15 to establish
the total exhaust system drag: Figure 16 graphically portrays
the results. Typical data is shown in Figure 17.

2.2,4 Airplane System Drag, D,

The airplane drag, D is established for the defined inlet
and nozzle baseline ééndition. It is derived by scaling theo
model data to full scale. It is made up of these terms, namely:

D =D + AD

A/P -~ PReF INL-A/p T 4D

EXH-A/P

where the inlet and nozzle increments are derived frowm the pro-
pulsion wind tunnel models or theoretical buildup and D
derived by scaling the external force measurements of tﬁn

reference airplane wind tunnel model. Figure 18 and 19 illustrate

19
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respectively. . :
Note Ehat the flow nacelle reference inlet spillage is reflected
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‘SECTION IIT

GENERAIL CORRELATIONS

3.1 TAKEO?R“RECOVERY

Inléts désigned for high=spééd flight usually have sharp
cowl Iips and ramp leading edges to reduce drag and shock
losses at high Mach numbers. Thesé sarie sharp llpS cause
flow distdortion and losses in total pressure recovery at
low speeds (when A /ALIP >1.00) due to separation inside

the inlet lip. To achievé acceptable inlet performance at
these low speed conditions, it is common to employ takeoff

doors (sometimes called auxiliary 1nlets) to provide addi-

tional flow passageé area into the dlffuaer. This reduces the
flow Mach number around the sharp llps and helps the lip

,sepaxatlon problem, The exact benefits to be gained by any

glven set of takeoff doors depends on their shape, location,
size, and dlstrlbutlon around the diffuser periphery. To
obtain detalled, thoroughly reliable data to show their
effects, then, it is necessary to make wind tunnel tests.

For purposes of preliminary studies, however, this is

usually not practical. However, some means must be provided
to account for the effect of takeoff doors. To accomplish .
this for the PITAP procedure, a correlation of low-speed test

data from Reference. 10 was developed as shown in Figure 20.

The low sSpeed data, with total pressure recovery, PTZ/PTO
plotted as a function of the corrected weight flow parameter,

W2V77

—7“455“‘: showed a good correlation, regardless of the size of

ige takeoff doors. 1In this case, Aqp was always equal to the
sum of the main inlet throat area plus the area of the take-
off doors. Thus it makes a convenient generxalization for use
in all preliminary estimates of low-speed performance. Simply
add the throat area of the takeoff doors to that of the main
inlet and calculate the recovery as if the main inlet were
operating at a correspondingly lower throat Mach number.

A correélation of experimental data (presented in Figure 21)
is used to calculate the effect of lip blunthess on total
pressure recovery at takeoff.

This method (Ref., 11) which is used to calculate total pressure
recovery at the throat of an inlet with rounded lips, calculates

the fraction of the loss for sharp lips that is applicable to
rounded lips according to the following equation:
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Where Kiqp (Figure 21) is baséd on experimental data.

3.2 SUBSONTC,DIEEUSER;LOSSES

Subsénic diffuser performance is difficult to predict analytic-
ally because it i¢ a function of many inteérrelated geometric
and aerodynamic parameters. Because of this, attempts to
simplify the prediction of diffuser performance have met with.
varylng -degrees. of success, The most reliable diffuser data
is that obtalned from wind tunnel tests of the spe01f1c
conflguratlon of interest at realistic operating conditicns.
This type of data is normally not available, however, during
orellmlnary studies. Therefore, about the best that canh be
done is to use the existing data, supplefented by theory, to
arrive at an estimate for the new diffuser: ‘geometry. This
sectlon presents some -data correlatlons that can be used to
estinate the magnitude of the effect of various geometric and
aerodynamic paraméters on subsonic diffuser efficiency. Sub-
sonic diffuser efficiency is expressed in terms of total
pressure recovery from entrance to exit PT:/Pm .

. 2 1

Much of the experimental work shows that, for a given diffuser
geometry, the total pressure loss characteristics of a subsonic
diffuser can be reasonably well represented by expressing the
total pressure loss as a function of the entrance dynamic
pressure, where the diffuser loss coefficient is expressed as:

AP P
T 2 N
€ = - angd ——— = l -g {1l = ) 3.5
a3 Py PN TR

Many subsonic diffusers have been experimentally shown to have a
nearly constant duct loss factor as a function of throat Mach
number, at least until the point is reached where the diffuser
throat is nearly choked. Thus, it is possible to calculate
directly the total pressure loss through the subsonic diffuser
if the duct loss factor, €, is known or assumed. The relation=
ship between these variables is represented graphlcally ia
Figure 31, If the diffuser duct loss coefficient is known or
can be estimated from experience, this method prévides a con=
venient way to determine diffuser total pressure losses.
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The most 1mportant factors which influence diffuser total
pressure lossées are: .aréa ratio; length, éntrance conditions
(is there a shock ahead -of theée entrance or hot?) and throat
Mach number., Although - dlffuqer tést data can bé presented in

many different forms, dependlng on the gedometry of the diffuser

tested (for example; € vs. third ramp angle, ¢ vs. effective

\conlcal dlffu51on angle, etc. ), these parameters can be rélated

to oné of the more general paraméters -described abova. This
makés it possible to generalize the available data for pre-
liminary analysis purposes. This is the approach used in
obtaining the data cOrrelations presented in this section.

Figure 22 presents data showing the effect of variations in the
third ramp angle for a subsonic dlffuser, for a two-dimensional
inlet. The increase in third ramp angle causes a smaller throat
size. This effectively increases the area ratio, EXIT/AthLoat'

and -produces higher losses at inlet throat Mach numbers above .65.

Free-stream Mach humber has relatively little effect in the
diffuser loss coefficient (Figure 23), as long as the flow ahead
of the entrance is snbsonic.

Figures 24, 25, and 26 present correlations of data which show
the effect of subsonic diffuser length on total pressure loss
coefficient, €, and max-minus-min distortion parameter. Another
important factor in determining the total pressure loss through
the diffuser is the presence of a normal shock ahead of the
diffuser entrance. The effect of this shock is easily seen by
comparing Figure 25 (no shock) with Figure 26 (shock present).
Substantially higher total pressure losses are incurred by the
diffuser with the shock ahead of the entrance. The shock also
increases the turbulence in the diffuser, an important considera-
tion for engine/inlet compatibility.

The effect of bends in the diffuser is shown in Figure 27.

The increase in diffuser loss .due to increasing area ratio is
shown in Figures 28 and 30.

Boundary layer effects on diffuser loss are presented in Figure
29. Allowing for scatter in the experimental data, it is
difficult to sort out consistent diiferences due to boundary
layer effects which can be consistently explained. It appears
that a fairly wide error band must be accepted for the existing
data,

Figure 31 presents a .curve that can be used to relate the duct

loss coefficient, €, to a pressure recovery, PT /PT , for any
L2 1
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given throat Mach number, Mj. This curve can beé used to estimate
dlffuser losses, even 1f no experlmental data are avallable.

,“?
P U NP STV PRI W 3 £V DR T PO

constant ‘oY a varlatlon w1th M:), If no other value ig available,
use a constant .= ,12 for subsonic entrance condltlons and a
constant € = ,16 if a normal shock is ahead of the diffuser
entrance.

3.3 SHOCK LosSES~ ):

il Inlet total pressure reécovery is a function of many parameters,
: ' and so 1t is difficult to dévelop genéeralized correlations that
ib are appllcable to a wide range of configurations. Nevertheless,
: by plotting the operating. (enqlne-matched) total pressure re- 3
coveries for a large variety of full-scale and small scale inlet
tests for a range of Mach numbers from 0 to 3.0, it is possible
to detect definite: trends in the experimental ‘data that are
¢ predlctable, accordlng to theory. A plot such as this is pre- ;
L sentéd in Figure 32. At first glance, the data appear to follow k
N no particular patterns: However, if the data of Figure 32 are “
compared with the theoretical plots shown in Figure 33 it is
; seen that the expérimental data fall into trends that aré to be
i expected, based on tihe factors that are known to édause the
greatest losses for each Mach number regime, Figure 33 was
calculated to show the effect of sharp lip losses, subsonic .
diffuser losses, and shock losses. At low speeds, the sharp- 2l
lipped supersonic inlets have large losses in récovery, while ;
the subsonic inlets with blunt lips have high recovery. At
transonic speeds, the subscnic diffuser losses account for most
of the total preSsure losses. As flight Mach number is increased
: to higher supersonlc speeds, the shock losses increase steadily,
{ reducing total pressure recovery greatly. The shock losses il
b depend on the number and strengths of the shocks used to deceler- &
’ ate the flow to subsonic Mach numbers for use by the engine. '
By knowing the complexity of the inlet comression scheme (N =
numbér of shocks), the 1lip shape (blunt ot sharp), and the
approximate subsonic diffuser efficiency (average duct loss
factors can be used when no unusuwal geometries are required), 2
calculations can be made of overall inlet recovery that are suit- Mk
able for preliminary performance predictions.

PR

3.4 BOUNDARY,LAYER BLEED,AIRFLOW

The amount of boundary layer bleed. airflow required to make an gl
lnlet -operate eff101ently depends on several factors: design '
‘Mach number, type of compre551on scheme, sideplate design,
shock stability required, éngine tolerance to distortion, and

g the extent to which the inlet performance is optlmlzed. Bleed
system design is a complex analytical and experiméntal problem,
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requiring much developmént time t0 be spent oh a reldtively small
numbér of gpécific configurations. The availabilé data havé been
plotted to obtain the generallzed curves shown in Figure 34.
Thése curves -can be used to6 -obtain déesign point bleed airflows
for reéasonably well- optlmlzed inlet configurations as a fuhction
of free=stream Mach number. If more detailed bleed data are
desired, refer to Seéction IV.

3,5 BotiNDARY .L‘AYER ,PLENUM ‘P\RESSURE

The boundary layer plenum pressure depends mainly on the type
of bléeed removal system used. There are many factors that can
have some influence on the total pressure recovery of the bleed
air., These factors include: type of scoop ox hole geometry
(shape, smze, angle) used to remove the air, the region of the
inlet where bleed air is removed {(forward surfaces have high
Mach number flow, low static pressures, and hence, low bleed
plenum pressures, while the throat region has high local
pressureés and hence, high plenum pressures), boundary layer
thlckness, shock position, and numker of bleed compwrtments.

It is too difficult to account for all these factors in a pre-
liminary design method which is to be applied to a wide variety
of configurations,

As a practical matter, however, either a slot or porous bleed
removal system i$ usually employed, which is optimized through
testing until the highest plenum pressure is achieved that is
consistent with adequate bleed removal. For preliminary
design purposes, a correlation has been made of plenum
pressures obtained for each of the two types of

bleed systems most com.only used as- a function of free-stream
Mach number., This correlation is presented in Figure 35.

3.6 NOZZLE BOATTAIL DRAG

The ability to correlate isolated boattail drag is hindered by
the fact that there is considerable disagreement in the litera-
ture with regard to experimentally determined boattail drag
coefficients for similar or identical boattail shapes. Some

of the disagreement is attributable to different simulation
techniques (e.g., solid jet simulator vs. cold=-jet blowing), and
some must be assumed the result of tunnel blockage effects or
support interference. The subsonic correlation used in PITAP

is based on a blown-model test (Ref. 12) run in the Boeing
Pransonic Wind Tunnel with circular arc boattail nozzles. The
drag at a nozzle pressure ratio of 2.5 was correlated as a func-
tion of the boattail chord angle from the start of the boattail
to the nozzle exit. The data (with calculated skin friction
removed) are given in Figure 36.
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1

Although Flgure 36 applies :trlctlytto circular arc boattails
only, there is some evidence that a conical boattail with a largé
corné¥ radius at the start 6f the boattail behaves in a similar
fashion, Figure 37; from Ref. 13, shows boattail pressure drag
characteristics for conlcal boattails with corner radius ratios
(radlus over model maximum dlameter) varying from zero to 4.84.
All of theé open symbols corréspord to models with trailing édge
boattail angles (not chord anglées) of 15 degrees. For radius
ratlos of 1. 0 and less, the transonic draq rise characteristics
are clearly affected by the rélatively sharp corner. For radius
ratios 6f 2.5 and 3.5, however, the drag rise characteristics
match those of the model with a radius ratio of 4.84, which is
the llmltlng case of a circular arc boattail. Also plotted in
Figure 37 is some conical boattail data from Ref, 14 which
correspond to. the same nozzle geometry as the open circles.

The dlsagreement in drag coefficient level of 0.03 to 0.04
apparent in the figure illustrates the difficulties involved in
generating reliable correlations.

In Ref., 13 t. data shown in Figure 37 were also cross=plotted
to show the etfect of cornér radius at various Mach numbers,

as presented in Fig. 38. The corresponding predictions from
the PITAP correlation are also plotted at Mach 0.9 and 0.8.
PITAP predictions at Mach 0.56 and 0. 7 are the same as at Mach
0.8). The PITAP predictions decrease with radius ratio because
the start of the boattail, used. to define chord angle, moves
upgtream with increasing radius ratio,.

Despité a drag coefficient level difference of about 0.02, the
PITAP predictions display the same trends as the conical boat=
tail data for corner radius ratios of 2.5 or more.

It should perhaps be noted that both the PITAP data and the data
of Ref. 14 indicate higher drag levels than the data of Ref., 13,
Both the Boeing test used for PITAP correlations and the test

reported in Ref, 14 used blown models to achieve jet simulation.

The test reported in Ref. 13 used a solid plume simulator instead.

For supersonic Mach numbers up to Mach 3.0 PITAP uses the ex-
pression given in Figure 36. This represents an empirical
correlation of data from several sources, as shown in Figure 37.
The correlation was biased at the lower Mach numbers toward

data obtained with blown jet simulation. The form of the corre-
lation was suggested by supersonic wave drag considerations (Ref.
15), and, as shown in Figure 39 it does a reasonably good job

of collapsing the data.
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3.7 ~B,AsE‘, 1?ﬁESSﬁRE

The PITAP method i§ currently set up to receive an input tabileé of
base pressure coeff1c1ent vérsus Mach number for a specified
afterbody geometiy. It can use the basé pressute coefficient
from thée input table and a spe01f1ed base area to compute base
drag as a function only of freestréeam Mach number However; to

be throttle-sensitive; the base area must be 1located where it

‘s also affected by the propulsive jet effects which vary with
nozzle pressure ratio. In addition, the basé pressure is known

to be sensitive to approaching boundary layor conditions. There=
fore, me thods to account for these effects should be lncorporated
into theé calculation procédure to obtain an 1mproved base pressure
prediction.

Subsonically, the effects of the propulsive jet may be accounted
for by using correlations obtained by Mc¢honald and Hughes
(Ref. 16).

The Mchonald and Hughes correlationlgives the increment in base
pressure coefficient between a bhase with no jet effects and one
with a jet of & given nozzle pressuru ratio and a given tempera-
ture., The correlation is presented in Ref. 16 for a freestream
Mach number of 0.90 and jet total pressure ratios of 2.0 and 3.0.
The correlation is seen to work foi approach boattail angles
from 8 degrees to 24 degrees and specifically treats the case of
an annular base around the jet. The key correlating parameter :
is the jet diameter squared divided by the product of the base
diameter and the maximum diameter. Figure 40 presents this
correlation for a jet pressure ratio of 2.0, The success of
this parameter in correlating the data at Mach 0.90 suggest
that it be tried at other subsonic Mach numbers. The method
of Mcbonald and Hughes for Mach 0.99 is programmed into pITAP,

For supersonic Mach numbers, from 1.0 to 2.2, an excellent base
pressure correlation has been reported in Ref. 17. Using

correlation parameters called B and C which involve -a raference g

hase pressure level and known information about nozzle geometry
and pressure ratio, a remarkable collapsing of the available
data is obtained, as shown in Figure 41.

The parameters B and C are defined below:

P |
_ -1 b ( I
B =M In~ (.8L5 - 1.15 1nkK) (P«) 5-—)
M X
’Pb
where(ﬁ«)‘ = model base pressure ratio
M
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(—B> = base pressure ratio at K from Fidure 42.

P
Tes
" K 3
et T
:; - ’ -P ] B [ *
: ‘e
) M- = Mach numbér corrésponding to nozzle pressuré 3y
i J ratio
: B, = base perimeter exposed to freestream
P. = jet perimeter
- 3o TEE , | >
e P = perimeter of circle of area equal to the base
: e area; L
, A. P.
C = (.37 + 0.62) M, 2(Byp/Dy) = 1.5y v il
Jgesign 10 Jaesign b e
)
where D = base diametér
Dj = jet exit diameter
M. = nozzle désign exit Mach number
Jdesign
Aj = jet exit .area
= base area

o

o nozzle exit static pressure (just inside the
J nozzle)

-

Pt e

; The parameter (P, /P_J, is plotted as a function of k in Figure
: 42, B is plotted as @ function of C in Figure 41.

=
eh& s
e o s ouoamninn e g

The procedure for determining base drag is then:
1. Compute C

2, Find the corrésponding B from Figure 4l.

3. Compute K 3
Py » 4 1
4, Find(§—) from Figure 42. 1.
3
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A méthod t6 acceunt for upstream boundary layer effeécts has been
déveleped by Nash (Ref., 18). Nash: proposed a curve of the limit-
ing value of the base pressure coefficient for zero boundary
layer thicknass as a function of Mach number. Then he obtained

-an impressive correlatlon (Figure 43) for the lncrement in base

pressure coefficient due to a finite momentum thickness 0
approashing a base of effective height h; Thus the base
pressure coefficient in the absence of jet effécts can be
estimated. The momentum thickness, 0, to make use of the
correlation can be obtained from experlmental data, detailed
theoretical calculations, or encineering procedures, as tiuie

permits.

3.8 INTERFERENCE DRAG

PITAP is programmed. to accépt an input drag increment table
giving "interference" drag. Potentially this slot could be
used to account for any discrepancies between the calculated
isolated nacelle drag and the actual drag of the nacelle in-
stalled in an airplane configration.

At the present time this table is being used solely to account
for the twinning penalties associated with putting two nacel les
side by side with a clean, sharp-edged lnterfalrlng in between.
The independent variables are Mach number and spacing ratio,
i.e., center line spacing over nozzle exit diameter. (The
present version of PITAP, however, can handle any number ox
side-by-side nozzles in a row, adding n-1 twinning penalties
for n nozzles.)

The interference drag coefficients used in the procedure

(Fig. 44) at spacing ratios greater than those for which Cpy is
a maximum are based on data from Refs. 19 and 20 which are In
generally good agreement with recent data reported in Ref. 21.
At lower spacing ratlos, the curves correspond to completely
separated flow on the insiwe half of the nozzles and on the
entire interfairing and base drag has been computed for this
region,

Figure 44 has been shown to work quite well whén appliad to

plug nozzles as well as convergent or convergent-=divergent
nozzles, In this case the equivalent nozzle concept is first
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used to éstimate 1solated nozzle drag, and then Flgure 44

is used, with spacing ratio defined to. be centerllne spacing
over fully expanded exit diameters. Flgure 45 (from Ref. 22)
shows a comparison of twin= nacelle thrust=minus=drag.
predlcted performance and measured performance for both plug
and converdgent-=divergent nozzles. Although the agreement

is ‘bettér for the convergent—dlvergent nozzles, in both cases
the prédictién is within about 1% -6f gross thrust.

FoF nozzle 1nterfa1r1ngs that differ from clean sharp-edged
falrlngs, a considerable amount 6f data (Refs. 19, 21, 23,
24 and 25) is avallable, but reallable correlations of the
interférence effects as such do not exist.

3.9 NOZZLE PRESSURE RATIO

The pressure ratio cerrection used in PITAP is shown in
Figure 46. The effect of 1ncreasmng jet pressure ratio is
two-fold. Increasing thé size of the exhaust plume tends

to forcé higher pressures on the nozzle surfaces, decreasing
drag. Jet entrainment effects tend to pump downh the pressure
on nozzle surfaces, particularly where separated regions
exist, increasing drag. Over a moderate range of pressure
ratios these eifects tend to cancel out. Reference 26
provides ah example where these two opposing effects were
isolated. Bétween jet-off conditions and a particular jek
pressure ratio no net effect was observed. Using a solid
plume simulator, thus ellmlnatlng .entrainment effects, it
was determined that theée jet plume produced a favorable
increase in isolated boattail drag coefficient of 0.02;
while entrainméent had accounted for -0.02.

The relative importance of entrainment and plume effects is
a strong function .of how much -of the flow is separated or

in a base region, and thus sensitive to entrainment effects.
The Boeing data of Figure 47, (Ref. 27) C¢early illustrates
this phenomenon. The upper three bands of data represent
twin nozzle configur~tions for which 0il flow photographs
revealed significant separated regions. Between a pressure
ratio of 2 (barely more than ram pressure ratio) and 4 there
is little apparent effect of pressure ratio on drag. The
dashed line is a 'single nozzle reference configuration which
had no separated flow. TFor this nozzle, plume effects

cause a continuous reduction in drag with increasing pvessure
ratio,

Similarly, in Figure 46 the highest angle nozzle does not
benefit as much from high pressure ratio as the intermediate
angle nozzles. (Thé low-angled nozzles are almost zero drag
at the outset.)
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Con51deratlons Such as these suggdest that the pressure ratio
effects might correlate well with the initial drag level

at a referéence presgure ratio. If the drag coefficient
were normalized by the prOJected nozzle/afterbody external
surface area, it represents a measure of how much separation
éxXisted at the referenceé nozzlé pressure ratio.

3.10 GONVERGENT%DIVERGENTMNOZZLEANON%ISENTROPiC,EXPANSION“LQSSES

The conVergent divergént nozzle suffers a non-isentropic
éxpenision loss unless: the internal contours, are specifically
designed for isentropic flow:. Most C-D nozzles for aircraft
have a simple conicéal divergent sectidn and therefore
éxhibit this loss. The loss was originally called a "cosine"
loss because it can bé roughly defined by the exkpression

Acy = 1/2 (1 + cos 0)
where 6 is the nozzle divergence half angle: ‘ The above AC
expression can be derived by finding the loss in momentum
parallel to the nozzle axis as the flow expands in a spherical
manner as sketched below.

Careful experimental determination .of the "cosine" loss

for a series -of conical convergent~divergent nozzles has

been reported in Referénce 39. The data from this report

are summarized in Figure 48 as C,, anqularity loss coefficient at
design pressure ratio, versus nozzle angle and area ratio.

The loss predicted from the simple cosine loss equation glven

above is .also shown. At high. .area ratios the simple expression
is reasonably good. At the lower area ratios typical of
aircraft nozzles, the deviation between the "cosihe" loss

and the actual nozzle internal flow logs is significant. It
therefore appears that the loss is due to non-isentropic
expansion and should be predicted from the data of Figure 48.

67

3 o,




»
Kb

o e S , ,,sw.,
5 3 ~ ~ M - - A - - ~
S37ZZONANIOYINIG-LNIDEIANOD Y04 LNFIDI44F00 SSOT ALIGVINONY  :8b8inbly
SL6°
ajbuy 35uabianq = §
- oney ealy |221SAYd = m< \m<
| 086"
+686°
6>
WIPIPID (o
5307
Ansenbuy
066°
$66°
00'9—
o0V — _
N - Q Mn Om.Nl.

{ sso-Ausenbu

f. SO+ 1

Vv J0 uwiry




o

€%

3.11 ‘VELQ‘GI@Y .;COEEEZT.GIENT‘ "LOS,S’E‘SWFOR fPLU‘G"NOAZ ZLES

For a plug nozzle thée ratio of céowl t6 throat area affects
nbézzle performance as shown in Flgure 49: The ordlnate is

the peak performance p0551b1e fréom a well= de31gned plug

<nozzle. The data shown are from Referenceb 22, 29 and 30

and include plug half angles from 10 to 20 degreec and-
préssure ratios frofm 1.5 to 4.

The data of Figure 49 aré for optimum nozzle designs. As
throat angle; the differénce between cowl internal angle
and plug angle, and plug truncation length are varied,
additional losses must be subtracted from the peak CV of
Figuré 49:

N6 performance loss is suffered if the cowl angle is greater
than the plug angle, but if it is less, the losses indicated
in Figure 50 will occur: Figure 51 presents truncation loss
corrections.

Correlations for blow-in-door ejector nozzl: internal
performance are not now available. Attempts to derive
satlsfactory correlations from the available data (e.g.;
References 31-36) will therefore be necessary.

3.12 VELOCITY COEFFICIENTS FOR CONVERGENT NOZZLES

Résults from a parametric test of 16 convergent conical
nozzles (Refereince 28) are shown in Figures 52 to 55.

Thé data show small but definite effects due to wall angle,
o, and diametér ratio D,/D.. Penalties due to skin friction
and underexpansion lossés %re charged separately, as shown
in Pigure 52.

During preliminary désign studies, the simplest method of
predlctlng nozzle perfoérmance, termed a "LeVel 1" prediction,
is adequate because thé nozzle geometry is not well defined.
Thé nozzle is charged with AC,; = 0.005 for skin friction
losses and underexpansion losses are ch aged for supercritical
pressure ratios.

3.13 NEW ESIP AFT=END DRAG PREDICTION METHOD

3.13.1 Introduction

A parametric wind tunnel investigation of aft-end drag for
twin, buried-engine configurations has recently been

concluded as part of the Exhaust System Interaction Program
(ESIP)., A correlation of the data résulting from this test
program has been. obtained, thus providing the basis for a

new drag prediction method which could be readily incorporated
into PITAP.
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The correlation deals with the pressure drag of the aft
fuselage, from the makimum cross-sectional area point back.
As with present PITAP procedures, the drag polar baseline
conditions must be defined so that the installation loss
correction can be computed as the increment from the baseline
conditions to given operating conditions.

The correhtion covers configurations with horizontal
interfairings. (There is reason to suspect it is equally
applicable to other interfairing concepts, or even to single
engine configurations, but data are not now available to
verify this), Subsonic Mach numbers up to 0.95 are covered.
The correlation accounts for the effects of both a single
vertical stabilizer and twin verticals extending radially
from nacelle centerlines.

The correlation treats only the case [or which the nozzle
exit static pressure equals freestrcam ambient pressure.
Pratt and Whitney, as a subcontractor to Boeing on ESIP, is
currently working to develop a "jet plume parameter" to
help handle other off-design conditions.

It is anticipated that if a good jet plume parameter can be
found, accounting for the combined effects of such things as
exit static pressure ratio and nozzle divergence angle, the
present correlation could be easily adapted to account for
different values of the plume parameter.

It should be noted that at this time the correlation
effectively uses exit static pressure ratio as the plume
parameter. Some of the scatter in the correlation is
directly attributable to the fact that the various nozzle
types tested, ranging from convergent nozzles to convergent-
divergent nozzles of area ratios 1.4 and 2.0, and with
divergence angles of 6 degrees and 12 degrees, have a
measureably different effect on drag at the same oxil static
pressure ratio. The development of a good plume parameter
is expected to improve this situation, and tn permit the
extension of the present correlation approach to off-design
exit pressure ratios.

The Test Summary Section below briefly summarizes the config-
uration variables investigated in the test pregram. The

Data Correlation and Drag Prediction Sections describe,
respectively, the data correlation that was obtained and

the resulting drag prediction method.

3.13.2 Test Summary

The drag of a variety of afterbodies was measured behind a
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common forebody. The area distributions used to define

aft-end configurations included first-, second-, and fourth-

order polynomials, and a nuitber of ellipticel area distribution

not representing an analytic function. All models had D
horizontal interfairings.

Unswept stub tails were used to simulate the pressure drag

effects of real tails. (Calculated friction drag was

subtracted from the measured drag. The correlation work

dealt only with the resulting pressure drags.) Additional 2
testing with full swept tails, and without any tails,

established that the stub tails adequately simulated the

effects of realistic tails for single-vertical configurations

and for cenfigurations with twin verticals positioned radially

on nacelle centerlines.

Cini the cother hand the stub tails were found not to represent
the effect of twin verticals mounted outboard of the enginc
nacelles. Consequently, the data for outboard tail locations
was not used in the correlation work, and the resulting drag
prediction method is not applicable for such configurations.

"~

The configurations tested covered a range of nozzle exit

areas, afterbody lengths and nacelle spacing. Ixit areas

ranged from 10 to 40% of the maximum fuselage cross-sectional

area, A,,. Afterbody lengths ranged from 1.32 to 3.60 times

the equlgalent diameter Dgg associated with AlO' The nacelle ‘
spacing was varied from 67% to 128% of Deq' '

3.13.3 Data Correlation

The correlation approach was based on improving the basic
Integral Mean Slope (IMS) approach developed by Pratt and
Whitney. The original [MS parameter represented an area
weighted average cf the rate of change of area of the non-
dimensional afterbedy area distribution:

1 A
_ (A7)
IMS = - 1 a\*'10 d (A/Alo),
Ag (X )
() WPeq
10 A
/10
4A10
where Aq is the total nozzle exit area and D = T . Previ-
ous Pra%t & Whitney studies indicated the aft-end drag coeffi-

cient, normalized by the projected area (Ajg - Ag), should
correlate well with the IMS parameter. The ESIP data, however,
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showed that the correlation broke down for afterbodies whose

‘ area plots involved regions of steep slopes. A modified IMS

k 3 parameter, called IMS,, was then developed to avoid a

¢ sensitivity to afterbody contours in regions which were likely

) to be seéparated. The IMS,, approach is based on specifying

. a maximum slope of the non-dimensional area distribution

3 which can be used in the IMS calculation. The maximum slope

4 is substituted for the real slope at each step of the IMS

; ¢ calculation for which the real slope cxceeds the maximum

5 slope. The resulting improvement in the correlation is
illustrated in Figure 56, which compares the IMS and IMS,
approaches. The limiting slope for the IMS,Ll calculation
for this figure was 1.4. This had little effect for some
afterbodies, but had a very large effect for others. The

( solid symbol in Figure 56 represents and cxtreme case of an
afterbody with very steep slopes near the nozzle exit. The
original IMS value of 1.06 was substantially reduced to an
IMST value of 0.68.

The best correlation was obtained by making the maximum slope
- a function of Mach number. Figure 57 yives the values of

the maximum slopes which have been determined to yield the

best IMS,, correlations. At low Mach numbers the maximum
g slope is™ quite large, and there is very little difference
g between IMS and IMS,, for most afterbodies, In the drag rise
region, where larger portions of a typical afterbody are
likely to be separated, the reduced value of the maximum slope
means that it comes into play over a larger portion of the
projected area in the IMS,, calculation. Here there is likely
to be a significant diffe?ence between IMS and IMST for high
drag afterbodies.

The resulting correlation for centered twin vertical
confiqurations (i.e., verticals mounted radially from nacelle
X centerlines) is given in Figure 58. Here <y indicates the
> P

pressure drag coetticient based on projected %&ea AlO -~ A
As indicated the data represent a wide range of aft-end
geometries and nozzle types. Nearly all of the data is
correlated to within a scatter band little larger than that
estimated to be inherent in the data itself.

9°

A similar correlation for single vertical configurations is
shown in Figure 59. The centered twin vertical configuration

o was considered the primary tail configuration for the ESIP
test, and there are consequently fewer data points for the
single vertical configurations.

The two sets of correlations were found to be nearly identical
except for a level shift of 0.006 in CD Thus the two
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correlations were combined, as shown in Figure 60 into a
single correlation in terms of C_ + AC_. Here AC_ equals
zero for centered twin vertical “configurations and
0.006 for single vertical configurations. That is, the
data for single vertical configurations have been raised
0.006 to the level of the centerad twin vertical data.

It is always desirable to account analytically for the
effects of as many independent variables as possible in a

set of correlation curves such as those shown in Figure 60.
This minimizes the risk of interpolation errors, particularly
when the curves become part of a computerized prediction
method.

In the case of Figure 60 it can be shown that all four of
the correlation curves vary almost precisely as the IMST
parameter raised to the 2.77 power. Thus the IMS
dependence can be divided out to obtain a drag parameter

which is a function of Mach number only, as shown in Figure 61.
The upper half of the figure shows that the trend lines become
flat, i.e., independent of IMS,, when the draqg parameter is
defined as described above. Thus the ESIP correlation

can be reduced to the single curve shown in the bottom half

of the figqure.

Figure 61 may give the false impression that the correlation
does not work quite as well for models with low IMS,, values,
where the apparent scatter is greater, as for models with

high IMS,, valuss. However, the scatter at low IMST values is
created ~ hy the fact that for the low IMS,, (low drag)
models a relatively small increment in the absolute value of Ch
may Lepresent a sizeable percentage of the initially smeil
value of C

The overall effectiveness of the correlation curve shown in
the bottom half of the figure in accounting for all of the
data in the data base is show.. in Figure 62. This figure
compares the value which would be predicted by the correlation
for each data point with its actual value. The dashed line
represants the locus of perfect agreement. In this figure it
is clear that the low drag models are accounted for quite
accurately. Nearly all of the data are accounted for within
0.02 in CD, with the majority of it within 0.01.

3.13.4 Drag Prediction Method

The. correlation shown in Figure %L1 can easily be built into
a computerized prediction method for subsonic afterbody drag
of twin buried engine configurations. The overall procedure
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is illustrated schematically in Figure 63.

The first step would be the inputting of the non-dimensional
afterbody area distribution, as shown. The area distribution,
together with the maximum slopes given in Figure 57, are then

used to calculate the IMS,_. values as a function of Mach number.

This procedure has already been programmed for the Hewlett
Packard 9810A desk-top computers. Thus the curve of IMST
versus Mach number can be generated within minutes of the
receipt of an area distribution.

The remaining calculations are then the obviocus ones. The

drag parameter from the basic correlation curve (Figure 61)

is multiplied by IMS,, to the 2.77 power. The appropriate

drag increment for the tail type is then subtracted from

the result to obtain the aft end pressure drag coefficient.

The same procedure should then be repeated for the drayg polar
baseline aft-end geometry in order to obtain the drag increment
chargeable to the propulsion system.

The correlation curve of Figure 61 does not extend below Mach
0.7, because no data was taken there in the ESIP test program.
However,extrapolation to Mach zero along a constant equal to
the value at Mach 0.7 appecars to be a reasonable approach,
since very little in the way of a compressibility effect is
evident at Mach 0.7. Extrapolation in the other directicn,

to Mach numbers greater than 0.95, would, of course, be
unwarranted.

Similarly, the data base includes models with IMS, , values

as large as about 1.1l. “The method should not be ° considered
applicable to models with larger values of IMST.
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SECTION IV
DATA FOR SPECIFIC CONFIGURATIONS

4.1 INLET DATA

This section contains a collection of data covering a wide
variety of configurations from subsonic inlets through
supersonic designs. The purpose of this section is to
provide a source of data that can be readily used to au.velop
the inputs required to use the PITAP procedure. It can also
be used as a handy reference source for general inlet
gecmetrical and performance characteristics.

The data are arranged in the order of design Mach number.

Within sach data grocup, a sketch of a typical inlet geometry

is presented first, followed by the recovery characteristics,

then drag. As much information as possible is presented, but
complete sets of data are not available for all configurations.
Some of the data sets are complete in the format used by PITAP
and can be used to make installed performance calculations.

Data can readily be added to this section as it becomes available.

4.1.1 NORMAL SHOCK INLETS

A sketch of the normal shock inlet is shown in Figure 68. This
inlet model and several other variations of it, were tested
extensively for drag and recovery characteristics during the
development of the North American I'-100 aircraft (Reference 37).
Except for the fact that a LWF normal shock inlet would be
mounted under the fuselage, and have a boundary layexr diverter,
the normal shock inlet configuration shown here and its
performance are probably representative of the configuration
and performance levels applicable to LWF at small angles-of-
attack. No boundary layer bleed or bypass are used in the
inlet. The capture area size is based on the transonic airflow
demand of the engine. The decrease in total pressure recovery
at free-stream Mach numbers above 1.50 makes this capture

area adequate to provide all the airflow required to match
engine demand up to Mach 2.0. In fact, spilling a significant
amount of airflow is required above Mach 1.5, which accounts
for its high drag at engine matched condition.

Test results up to M, = 1.5 were used as a basis for the
performance data. Above Mach 1.50, total pressurec recovery
was calculated from normal shock total pressure losses and
subsonic diffuser losses for a duct loss coefficient of € =.,12,
This was found to correlate well with test results up to Mach
1.50; therefore, it offered a reasonable approach to extend
the recovery data to Mach 2.0.

90




PO AR an Ak ey

Highlight

Throat

Figure 64 :

~*—— Forebody —~——#=

S

Lip—-—-‘-— Diffuser Duct —w=

Auxiliary
Passage

~—— Boastai] —————t

Fan Face \l
"

-

Engine

—--mmm-———r—--.‘—a’—--—; .

SUBSONIC INLET DESIGN




1.000

0.009 |-

0.968

0.997

0.996

0.996

0.994

0.993

0.992

0.881

0.990

0.989

0.988

0.70 |
Takeoff
Doors
Closed
M, = 0.90
Takeoff
Doors
Open
0.20
0.60
A 8 1.2 1.6 2.0 2.4
Ao
Ac
Figure 65: SUBSONIC INLET PERFORMANCE DATA

92




£/

& -<

COgpin ~ Lspil
2,
X PoMo AI
2
0.014 , ;
M, < 0.90
0.012 |- e
0.010
0.008 | 085 —
c
Dgpill
0.70
0.006
0.004 bt 080 I
0.002
0
0 0.2 0.4 0.6 08 1.0

<‘<
ol

Figure 66:  SUBSONIC INLET SPILLAGE DRAG DATA
93

M e

1y




YNOLNOD L-YIVN 03I41GOW “TMOI NIHL 14OHS 504 99V : 49 anb1y

HIW ’ 0

»
B

94

i y oiL0

L0
8060

asx

aav
A
asp

z = byl 580 = °w

§8£0°0 = 3 1ayts esdyiz |~N

AT

8110 =31/ :oyv




\

Figure 68 :

L . -
. (a) Nose Inlet
€
L.
— —
—
Fusel — —_
age ————— -~
£
— -
3 {o) Under Fuselage
{

NORMAL SHOCK INLET
95




The recovery-mass flow plots are presented in Figures 69 & 70
and the corresponding matched recovery and mass flow as a
function of local Mach nunber are shown in- Figures 78 and 79,
réspectively.

The distortion limit is shown in Figure 80. No buzz limit
is required for the normal shock inlet. ’

Spillage drag is presented in Figure 8l. Test data from wind
tunnel tests were used to obtain the shapes of the spillage
drag curves for Mach number up to 1.50. For Mach 1.8 and

2.0, the spillage drag slope correspond to the slopes obtained
from additive drag calculations for open nose inlets. For

the normal shock inlet, a reference mass flow ratio of 1.0

was used.

4.1.2 TIIXED GEOMETRY, TWO-SHOCK INLE'TS

4.1.2.1 TWO-DIMENSICNAL

The configuration is shown in Figure 94. It is designed for
shock-on-lip at M.=2,0. The inlet is basically designed

for Mach 1.60 operation with a capability to go to Mach
2 without having shock ingestion problems. A throat bleed
slot is provided to remove the boundary layer near the normal
shock interaction region. Bleed air is dumped overboard
through a fixed geometry choked convergent exit.

The throat bleed slot was added to improve inlet recovery,
distortion, and flow stability characteristics at Mach

numbers above 1.50. TFor these higher Mach numbers, the normal
shock strength will separate the turbulent boundary layer.
layer and improve entrance conditions to the subsonic
diffuser.

Figure 95 presents the recovery versus mass flow ratio
characteristics for the inlet from low-speed up to Mach 2.0.
Max airflow match lines are also shown for reference. The
effect of takeoff doors on low-speed recovery is shcwn in
Figure 96 for MO= .20 and .40.

Matched inlet recovery as a function of local Mach number is
presented in Figure 97. The effect of takeoff doors equal
in area to .235 A, is shown to result in a 5% improvement

in static pressurg recovery.

Figure 98 presents the matched inlet mass flow characteristics,
including the effect of boundary layer bleed flow through the
slot. The upper curve, labeled AO /AC represents the total

I
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inlet airflow, and the lower curve, labeled AO/AC represents
the het flow remaining after slot bleed is removed.
The mass flow data shown are matched to the engine at max
airfiow condition. The matched bleed flow is also presented
as a function of local Mach number in Figure 98. The
variation of boundary layer bleed flow as a function of mass
flow ratio is shown in Figure 105. The sharp drop-off in
bleed flow that cccurs at higher mass flow ratios for the
MO = 1.6 and 2.0 conditions reflects the fact that the inlet
is going supercritical (shock sucked downstream of the bleed
slot). The gain in bleed flow as mass flow is decreased
results from increased subsonic diffusion ahead of the bleed
slot. 'This causes higher pressures and greater bleed flow.
The effects of boundary layer on the pressure distributions
¢ have been accounted fox in the analysis. These effects
would cause the pressure distributions to propagate forward
and would have a smoothing effect on the curves shown in
Figure 105.

T ————~

Figures 99 and 100 present the estimated buzz and distortion
{ limits. The buzz mass flow ratio is based on data from F-107
) tests. The F-107 inlet is roughly similar to the wresent
design and was extensively tested for buzz.

e

Spillage drag data presented in Figure L0l. The reference
mase flow used is shown in Figure 102.

RN L MEN

The bleed drag is presented in Figure 103. The variation
in bleed flow, A /A, at each Mach number esults from
OBLC ¢

variations in main duct mass flow, which cause changes in
inlet Mach number and in shock position. These changes

L result in increased pressurcs in the bleed slot as main
duct mass flow is reduced and reduced pressurc as mass
flow is increased.

The incressed total pressure recovary in the bleed slot
reduces the bleed drag for a given amount of airflow. This

L effect causes the bleed drag coefficient to level off and
decrease slightly as bleed flow increases.

4.1.2.2 AXISYMMETRIC

The basic features of the inlet configuration are shown in
3 Figure 111, The side mounted half-round inlets have trans-
a lating 25 degrees half-angle cone centerbodies. The movab13
centerbody is used to provide a large throat area (1740 in.
for low speed operation and, by translating forward, can also
provide shock-on-lip for high recovery, low drag supersonic
operation at Mach 1.60 (AC = 1860 in.2).
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A moderately blunted, fixed cowl lip and large (860 in.z)
blow-in doors are used to achieve high total pressure
recovery and low distortion at static and low-speed -

conditions.

No boundary layer bleed or bypass are used. In the normal
process of developing an inlet of this type, wind tunnel
tests would be conducted to optimize the inlet configuration.
If these tests show that the addition of internal boundary
layer bleed is necessary, no more than 1 - 2% of inlet air
would be required for bleed. The addition of this bleed
would not significantly change the configuration.

Estimated inlet performance characteristics are presented in
Figures 1lll through 125 in the format required by the PITAP
program. Each data map shown is entered into the computer
program as a Table.

As shown in Figure 112, the local Mach number was assumed to
be equal to free stream Mach number.

The recovery-mass flow "canes" are presented in Figure 113
for a range of Mach numbers from .60 to 1.60.

Matched recovery as a function of local inlet Mach number
is presented in Figure 1ll4 and the corresponding inlet mass
flow is presented in Figure 115.

Buzz and distortion limits for this inlet configuration
are shown in Figure 116 and 117,

Spillage drag as a function of inlet mass flow ratio and
local Mach number are shown in Figure 118. The reference
mass flow of Figure 120 was used in calculating the spillage
drags of Figure 118. The spillage drag shown in Figure 118
represents the drag at mass flow ratios less than the
reference mass flow is shown in Figure 119. This reference
drag normally is included in the airplane drag.

Figures 121, 122, 123, 124 and 125 are included for the sake
of completeness only. Since no bypass or bleed are used,

the drag and mass flow of these items are zero fo:. all flight
conditions,

4,1,3 VARIABLE-GEOMETRY, FOUR-SHOCK INLETS

4.1.3.1 EXTERNAL COMPRESSION

The inlet geometry details are shown in Figure 137. The
inlet is designed to have shock-on-lip at Mach 2.5 but its
capture area is sized to match engine demand at Mach 2.2,
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Figure 128: M, = 2.20, EXTERNAL COMPRESSION, VARIABLE GEOMETRY INLET

154

-




,,5 :
!
1
i A
Variable Ramps ogLC
1.00 .
0.96 —
N 2.
) ’ v 0 L Typical
P 3 o Engine
2 oo 0 \ m@ 227 Demand
PT0 > 2.2 v I ~ Match
- [0} 2.0 i d ! Points
@«
v 1.8
0.88 0 1.6 —————
0] 1.4 !
0.84 \l o
~ 0.20 o
A 0.10 '\e\‘\m ) S N
c O~ \; |
1) ll\ } I
0 | vl Noww 1 |
|
'
0.70
" O r— !
0.60 m,&]- \8’ =
PTPL 0.50
P
To 040
0.30
0.20
0.40 0.50 0.60 0.70 0.80 0.90 1.00

AU"IAC

Figure 129: EFFECT OF MACH NUMBER ON PERFORMANCE OF A
2-D INLET WITH THROAT SLOT BLEED

155




24

2.3
Average Local
Mach

Number (b )

{Arca .
Weighted)

2.1

2.0

Raference: M-PROP-184, The Boeing Co.

3-2-70
Meo® 2.2
A S T S |
T
‘——"{:.)' 00
: O L ) SR () SENS—— () -0 L

-2 0 2 4 6 8 10 1?2

Angle of Attack ~ a {Degrees)

Figure 130: EFFECT OF ANGLE-OF-ATTACK ON FLOWFIELD

MACH NUMBER FOR SIDE-MOUNTED INLETS

=56

.3




f)

My = 1.3
a =2°
y o= 0°
= 100
R, = 10
Forebody GOn
1.0 e
O O O
P
_'2
P
T
0 0.9 - S
0.8 - -
Forebody Off
1.0 —f~ -
Pr2
P
To
0.9 - e e e
0.8
0.3 0.4 0.5 0.6 0.7 0.6 0.9 1.0
Engine Mass Flow Ratio ‘;Q_E
C

Figure 131:  TOTAL PRESSURE RECOVERY, FOREBODY ON AND OFF, M, = 1.3

157

Ay -
Canani 1

R,

S ou




- DEXT {Iniet + Airplane)

c
Dext

Figure 132 :

1.0

0.9

0.8

COMPARISON OF SOME MODEL ,

158

J
Rectangular Installed Inlet Model 1160}-1
Force Balance Test Data
Mach 0.7% /
0
alnl()l 0
v
e ——— - O —-—
o}
2\8
%; O
£ \
AN ‘ ’
o
'\%\ \) \
G
N2
C
£ %
Wy . % :
0.0 [R— )‘0 e -
0 ¥
Ao/Ac Ref
l
Dspint
DAero.
N R A (]0 c 7
0 0.4 0.5 0.6 0.7 08
AO/Ac

i U TAWITH PREDICTED DATA

TRy




£

DEXT (inlet + Airplane)

c
DexT

a4 Ac

2.7

2.6

N
o

2.4

e e s oA T Rde wene

v

0.9

Figure 133:

FORCE BALANCE TEST DATA




DEXT {inlet + Airplane)

c
Dexy =

A Ac

1.6

1.6

1.4

1.3

Rectangular]| Installed Inlet|Model 11611-4
Mach = 0.75
Qintet = -1°
\
\
N\
AN 3 i
\N
A |
\ |
<l \ |
\ \ !
NN\
A
AN
‘ A A, Ret
AC
Dspitl
1
0.4 0.5 0.6 0.7 0.8 0.9
Ao/Ac
Figure 134: FORCE BALANCE TEST DATA

160

[ )




s L7 E—

e A i o o i e

¢
i
&

X
X

<>

? ¢

amng

61 = g =W i-100Lt

oz = IDsg = "W 110011

A}

65"

98’
98°

95"
9’

GL5 =

v/ov ®

v/
ds

SL’

§8°

geL’

or

06°
a8°

G8°
12

O

e b et b T . . A s

V.IVYa OVvYAa LI TNI S0 NOILYTIHHOD §EI 84nbld

%v/%v ‘oney moj4 ssew
L 9 g

6" =W v4

o0 ’L-109LL
o6 ‘L-109LL
ol= ‘L-106LL

13U

o = 0w orv

9= 31 ‘vd
9= D ‘td
(o2l “08)
{06 ‘08
(6908} 96vZ-

53X dwey (G19)cedv

uonesnbyuo 13juy

o0€ =052 =W 110911

o

9642-(G19)EE 3V 1081UO0Y 30104 Ity WO S19|u| Je(nbueiday pale|os| pue p- .

—/ b/

aue|daiy snid ¥ajuf ‘1-1001 L HIN 19POW

9’

8e’

v’

8y’

0s’

es’

bg

9g°

uoI0g pPlemioy sueldily snid 18ju| v Y€1y

av®by ( ¥M1q) quaroyyeon Beag 1oy

l6l




~ - i o . e
13 TINI TYNOISNIWIG-OML NOISSTHIW0D G2 XIW 02T HOVW -9 8.4nbi4
s100(] ssedA din] (MmoQ 21qixald
& 7m \\\I
 Z —
sio0 HO-elL
— =y [SWION |MO] * —mm
S (pasoID) >

paleAndy ssedAg o padooi(g IMOD «
sayou| 9| 1e 1e04yy o Sayouj P 1B 1BOIU Y e

oll dwey -

>
U“nnnﬂn\ T YENW Uﬂﬂ“\

> U/ IBULION M5O * : u}
{usdQ)
paleAldy ssedAg «

\\’("‘VI pasde|jo) 1eoiyy o Q
>

S pasdejjon dwey

Z°L Yoy ﬂl\\ll-ln\‘\ll\.\‘ll,.\
U\n\n\\\ EEINS S\

ob dwey e
S8°0 Yoew

uadQ
1BjU] Asellixny e
pasde}joDd 18034 ) «
pasdejjo) dwr g ~

HORE |

162




L3 TNI NOISSSHIWOI TYNHILXT ST HOVW LEL 3nb1o

siuawiiedwo) paag

3
V ZL' = easy
1804y WNWIXER loueq 1eo1y | Papig orag
‘ssedAg ajqertep Snosod %11
'sajzzON Q-0

Imiﬂuw . sntpey ,.581°
Z di} 1M0D

w dwey
nus)4 sNoJod %/°
ww@Q>m mC_L_w)Oo 10d %L°S

1e1I31e Yy snosog %P dH4d Wolj jZ umoQ paued
aul € 01 [WION PAINSLaN

o}
Vv ISLO° “V LSL0 o8 Nﬂ_mu.

163

+ v

2

= .—v< = |—v<

dyd o1 ux3 ux3

anepy ,Z umog pasig pa3ig

. d
paiuaLiQ st jaqug |OIY L ous wey 31zzoN
LHM juabianuo)
ajbuy ‘S1I9ANCT) paxi4
ux3 4,02




36,089 feet altitude. The inlet is an external compression,
horizontal ramp design. It has internal boundary layer bleed
through a porous third ramp panel and a throat panel. The
bleed from each of these panels is collected in separate,
divided plenum compartments and then is exited overboard
through convergent nozzles provided by exit louvers. The
bleed flow is exited at an angle of 20 degrees relative to
the fuselage reference line. The inlet is oriented down at
an angle of 2 degrees relative to the F.R.P. so that the
initial fixed ramp angle of 4 degrees (relative to the F.R.P.)
: will provide 6 degrees of compression at the +2 degrees

angle of attack flight attitude.

The first two ramps are fixed, but the third ramp and throat
panel are movable. This provides capability to vary shock
geometry and throat area. The maximum throat area corresponds
to Athroat/AC = ,70. This is obtainable by collapsiny the third

ramp to the 6 -degree position.

A bypass system ig provided forward of the engine cntrance

to dump excesns inlet air overboard. The bypass doors are
convergent~divergent nozzles provided by movable doors. The
bypass air is collected through porous material into a plenum
chamber surrounding the duct, then is exited through the doors.

To achieve high performance at takeoff (M = .20), either the
maximum throat area would have to be increased to 840

in2 per engine (by further collapsing the ramps), or takeoff
doors of 112 in? per engine could be added.

The estimated inlet performance characteristics are presented
in Figures 138 through 150. The data are presented in the
format required by PITAP.

Figure 138 shows the variation of local inlet Mach number with
free-stream Mach number. For the horizontal ramp inlet location
ahead of the wing, it is assumed that local and frec-stream Mach
numbers are the same.

N Figure 139 presents the variation of inlet total pressure

' recovery as a function of mass flow for a range of Mach numbers
from 0.60 to 2.50. These data are based largely on results
from previous wind tunnel tests conducted under Air lForce
contracts.,

Figures 140 and 141 show the variation of "recommended"
(Matched) pressure recovery and mass flow as a function of
free~-stream Mach number. The inlet is designed to operate

at Mach 2.50, therefore the position of the initial ramp angle
was located so that shocks would not be ingested at Macu 2.50.
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Figure 143: DISTORTION LIMIT
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Figure 147: REFERENCE MASS FLOW RATIO
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The size of the capture area was determined by the Mach 2.20
condition however, since matching the englne corrected
airflow demand at this point resulted in a larqer capture
area requirément. The result of thése design :onstraints

is shown by the masz flow data of Figure 141l. A fairly
large amount of airflow is spilled thru the oblique shock
system at Mach 2.20, while at Mach 2.50, a significant
amount of air must be bypassed. The required boundary layer
bleed flow is shown by the difference between the A /A and
the A /A curves of Figure 141. Og

Figure 142 and 143 show the buzz and distortion limits which
are used by PITAP for this inlet design to indicate when inlet
operation is approaching a region of questionable engine
compatibility. These limits are based on the best available
data or estimates. They are not intended to represent exact
limits, but should be viewed as indications that problems

gre likely to be encountered that should either be studied

in greater detail or avoided.

The nominal boundary layer bleed schedule is shown in

Figure 144 for the airflow schedule of Figure 1l4l. Figure 145
presents the variation of inlet spillage drag as a function
of inlet mass flow ratio and local Mach numbexr. The spillage
drag shown in the plot is the drag associated with the air
spilled externally due to operating at inlet mass flow ratios
less than the reference mass flow shown in Figure 147. The
spillage drag due to the spilled airflow at the reference
mass flow is shown in Figure 146. This part of the spillage
drag is norrally included in the airplane drag, according

to the bool.keeping system discussed in Section II of this
report.

Figures 148 and 149 present boundary layer bleed drag and
bypass drag as functions of bleed and bypass airflow for a
range of local Mach numbere from 0.85 to 2.50.

Figure 150 presents bleed mass flow as a functinn of duct
mass flow,

, = ; + >
AO/AC, (AO/AC ENG + BYPASS
C

).

Bypass mass flow is scheduled as a function of engine mass flow,
A

0ENG. This schedule has been selected to bypass the airflow
Ac
increment between engine demand and the nominal (AO/AC)rec mass
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flow schédule shown in Figure 14l. No bypass is used below
Mach 0.85, however, since it is less drag to spill the excess
airflow externally around the inlet.

4,1.3.2 MIXED. COMPRESSION

The inlet geometry is shown in Figure 153. A mixed compression,
horizontal ramp, two-dimensional variable geometry inlet
concept is used. The mixed compression inlet was selected

for the fighter/bomber mission instead of an external compres-
sion inlet because it offers the potential for higher pressure
recovery, lower drag, and better matcéhing characteristics

for the sustained Mach 2.5 high speed flight condition. Also,
it does not have to meet the same requirements for extremely
high maneuverability (high angles-of-attack) which would be
difficult to control for the mixed compression inlet. Boundary
layer bleed is accomplished by use of porous ramps, cowl,

and sideplates. Bleed air is collected in divided plenum
chambers behind the porous walls and is then dumped overboard
through choked convergent nozzles as near the plenum chamber
as possible. Divided plenums are uscd to provide optimum

bleed capability at lowest drag penalty. Movable ramp and
throat panels are used to achieve the best inlet geometry over
a wide range of flight Mach numbers.

A bypass system is also used (not shown it Figure 153) to

dump excess inlet air overboard and maintain the terminal
shock in its design location just downstream of the geometric
throat during started operation and just forward of the lip
during external compression operation (M > 2.0). Bypass doors
are assumed to be variable geometry C-D nozzies.

For takeoff and low speed operation, the ramp system is
collapsed to provide a maximum throat area equal to 0.765AC.
Takeoff doors having a throat area equal to .12 A, per
engine will also be required. These should be logated near
the aft end of the subsonic diffuser near the engine.

The capture area size was determined by the engine maximum
airflow demand at Mach 2.20. The ramp geometry was selected
to provide shockon lip operation at Mach 2.60. This provides
a small margin for angle-of-attack transients and overspeed
at Mach 2,50,

The estimated inlet performrnce characteristics are presented
in Figures 154 through 167.

As shown in Figure 154, the local inlet Mach number was
assumed to be the same as free-stream.

Figure 155 shows the variations of total pressure recovery
with mass flow ratio used to obtain off-design matched
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performance. The data are présentéd for a range of Mach
numbers from 0.60 to 2.50. For the Mach 2.0 condition,’
recovery-mass flow variations are presented for both external
compression and mixed-compression operating modes.

Figures 156 and 157 present the nominal (engine-matched)
recovery and mass flow schedules as a function of Mach number.
These schedules are based on maximum engine airflow demand.
Figure 157 also shows the inlet boundary layer bleed flow
required at each Mach number for the maximum airflow condition.
(This is also plotted in Figure 166). At other than maximum
airflow condition, the bleed airflow can be determined from

Figure 165 which shows bleed airflow as a function of duct
airflow.

Figures 158 and 159 show the estimated buzz and stall limits
used to indicate probable conditions where stability problens
are likely to be encountered. The inlet spillage drag is
presented in Figure 160. For the mixed compression mode (M.>2),
the spillage drag is shown only as a function of Mach numbef,
since the inlet will be started and excess airflow will be
bypassed instead of spilled. The spillage drag shown in
Figure 160 for started operation (Mo> 2) is included in the
reference drag of Figure 161 and does not need to be included
separately in the engine-installed performance calculation.
For external compression mode operation, spillage drag is
presented as a function of both Mach number and inlet airflow

since internal spillage is possible in addition to bypassed
airflow.

The spillage drag presented in Figure 160 is the spillage

drag in excess of the reference drag shown in Figure 161

which is included in the aerodynamic drag polar, rather

than being included in the engine-installed thrust calculation.
This 1s in accordance with the bookkeeping system described

in Section II.

The reference mass flow used to calculate the reference
spillage drag is presented in Figure 162.

Figures 163 and 164 present the performance maps used to
estimate boundary layer bleed drag and bypass drag as a
function of the amount of bleed or bypass airflow for each
Mach number. Although bypass drag data (as a function of
bypass airflow) are shown for M, = 0.85, no bypass is used
below M. = 1.20, because trade gtudies for this configuration
showed that a higher drag penalty would be incurred by

bypassing air below MO = 1.20 than by spilling it around the
inlet.
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Figure 167 presents the bypass airflow schedule used during
the performance calculation. Again, though, it should be
noted that no bypass is used below M, = 1.20, although the
variation for MO = 1.0 is shown in the plotted data.

4.1.4 VARIABLE-GEOMETRY, MIXED-COMPRESSION INLETS

The inlet geometry details are shown in Figure 184. The inlet
is a mixed-compression type, with inlet "starting" occurring
at Mach 2.0. Below Mach 2.0, the inlet operates in the
external compression mode. Extensive boundary layer bleed

is used on the inlet internal ramps, sideplates, and cowl

to avoid problems with shock-boundary layer interactions.
Three separate plenum chambers are used for collecting tne
boundary layer bleed air before it is exited overboard through
choked convergent exit nozzles. The use of three separate
plenums makoes it possible to operate with a relatively high
plenum pressure and hence, less drag.

The inlet ramp system is designed to provide shock-on-lip
operation at Mach 3.0. Approximately 1% supersonic spillage
is allowed to help insure that shocks are not ingested at
inadvertent overspeed conditions or transient angle-of-attack
maneuvers. Full sideplates are provided to minimize sideplate
spillage.

A variable bypass system is provided ahead of the engine to
bypass excess inlet airflow and help restart the inlet. The
maximum bypass door throat arca is 0.50 A,. It is assumed
that a maximum inlet throat area equal to~at least 0.70 A,

can be achieved by retracting the ramps. The requirement

for take~off doors to provide good recovery and low distortion
during take-off will be examined when engine airflow demand
characteristics are known.

The estimated inlet performance characteristics are shown
in Figures 185 through 198.

Figure 185 shows the variation of inlet local Mach number
with free-stream Mach number. Since the airplane design
was not available, it has been assumed that the local and
free-stream Mach numbers are the same.

The total pressure recovery versus mass flow plots presented
in Figure 186 have been estimated by using the test results
from XB-70, SST, Boeing in-house studies and tests and theory.
Tre recommended operating (match point) recovery and mass
flow as a function of free-stream Mach number are shown in
Figures 187 and 188, respectively.
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The buzz and distortion limits for the recovery versus mass
flow variations of Figure 136 were estimated to occur at the
mass flows shown in Figures 189 and 190.. These limits are
suitable for preliminary studies only, since they were
selected largely from engineering judgment, based on trends
in inlet buzz and distortion from past tests.

Figure 191 presents the estimated variation of spillage

drag as a function of mass flow ratio and local Mach number.
For the mixed-compression mode (M.> 2) spillage drag is shown
as a function of Mach number only since it is assumed that that
the inlet will be started and external spillage will not vary
because the bypass system will handle the dumping of excess
inlet airflow.

The spillage drag data in Figure 191 are based on the inlet
reference mass flow ratio shown in Figure 193. The spillage
drag for inlet mass flow ratios at or above the reference
mass flow is shown in Figure 192. This part of the spillage
drag is normally included in the airplane drag according to
the bhookkeeping system discussed in Section II.

Figures 194 and 195 show the variations of bleed and bypass
drag as functions of the amount of bleed and bypass airflow
for various free-stream Mach numbers.

Figure 196 presents the variation of inlet bleed as a function
of mass flow ratio for various local Mach numbers. The nominal
boundary layer bleed schedule at the recommended match points
as a function of Mach number is shown in Figure 197. The
bleed schedule above the "starting" Mach number of 2.0 remains
relatively constant during normal operation becausc the bypass
system will keep the throat shock in the design location.

The bypass schedule is shown in Figure 198. It is scheduled
to bypass the difference between the engine demand and the
AO/AC schedule shown in Figure 188. No bypass is used below

MO = 0.85, however, since external spillage results in lesc drag.

The inlet performance characteristics can be modified a reasonable
amount in a direction to help match the engine airflow demand
after the engine demand is made available. Achieving the best
engine/inlet matching involves an iteration process between

engine manufacturer and inlet designer.
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