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S......ABSTRACT

This report presents the results of a research program to
develop a procedure for caiculating propulsion system in-
Stallation losses. These losses include inlet and nozzle
internal losses and external drag losses for a wide varietyof subsonic and supersonic aircraft configurations up to
Mach 4.5. The calcul~ation procedure-, which was largely
developed :froim* existing engineering prc)cedures and experi-
mental data, is- suitable for preliminary studies ofadvanced aircraft configurations. Engineering descriptions,
.equations., and flow charts are'provided to help in adapting
the calculation procedures to digital computer routines.
Many of the calcultotion prkcedures have already been programmed,
on the CDC 6600 computer. Program ,listings and flow charts
are provided for the calculation procedures that have been
programmed. The work accomplished during the program is con-
tained in four separate volumes. Volume 'I contains an
engineering description of the calculation procedures.
Volume il is a programmer's manua-l containing flow charts,
listings, and subroutine :descri-ptions. Volume III contains
sample calculations and sample input data. Volume IV con-
tains-bookkeeping definitions and-data correlations.

c
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SECTI ON I

INTRODUCTION

T This document presents a detailed discussion of the bookkeeping
system used in PITAP to account for aeropropulsion forces. It
also presents the data correlations which provide a basis for
the generalized data plots used in the PITAP procedure. A
catalog of useful inlet data is presented which provides
geometric and performance data for several specific configura-
tions. This catalog of data contains a number of sets of data
already prepared in the PITAP input format. These data can be
used directly to generate installed performance data for inlet

I Cconfigurations which are like those for which data are available.

The purpose of this document is to provide a ready source of
reference material that will be useful in understanding and
using the PITAP procedure. To achieve this objective, as much
information as possible is presented that could be helpful. It
is set up in a manner that will make it easy to, add additional
data as it becomes available.

4.
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SECTION Ii

BOOKYEEPING DEFINITION

2.1 INTRODUCTION

The need for a performance integration system in an airplane
development program arises largely from the inability to
determine the performance of the complete airplane system,
with simultaneous real inlet and exhaust system operation,
in one test or one calculation. Furthermore, it is usually
desirable to optimize the inlet and exhaust system in separate
tests which .ire independent of the general aerodynamic drag
testing of the basic airplane configuration. Thus, a well-
defined performance integration system is required to insure
that the performance estimated for the various element's (i.e.,
inlet, exhaust system, airframe, turbomachinery) of the air-
plane system are properly integrated to yield an accurate
prediction of overall system performance'.

The approaches taken by the major airframe contractors
(References 1 through 9) in treating this problem are all
similar in concept. The ,aerodynamic drag testing of the basic
airplane configuration is done with some reference inlet and
exhaust system condition. Most commonly this testing is done
with the propulsion system represented by a flow nacelle -(i.e.,
flow-through duct). Thus, the reference inlet and exhaust
system simulation on. the airplane drag model is that which
is achievable under flow-through Cohditionr,. To extrapolate
ftom this condition to the full scale airplane condition in
flight, separate inlet and exhaust system tests are conductedý
with a portion of the airplane geometry and flow properties
duplicated in the region of the inlet :ý: exhaust system being
studied. These separate tests include full engine simulation
so as to allow measurement of draq increments of the operating
condition relative to that which is produced on the airplane
reference flow nacelle., For the nozzle this requires blowing
high pressure air through the exhaust system to produce the
pressure ratios and external nozzle geometry consistent with
the installed engine in flight. For the inlet this Lequires
varying the mass flow and inlet geometry on the flow-through
nacelle. The inlet and exhaust system drag increments thus
obtained are then combined with the internal propulsion system
thrust and airplane drag to obtain a prediction of overall
thrust-minus-drag performance of the airplane system as depicted
in Figure 1.

2.
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SI

-Fundamental to this performance integration is the definition
adcrpted for the thrust and drag forces. Herein lies the con-
troversy or bookkeeping differences that currently afflict the
industry. From a performance calculation standpoint it is
immaterial how the split is made between thrust and drag
provided that all forces exerted on the airplane system are
accounted for once and only once as either a drag foa.ce or a
thrust force. The split defined however, has implications
in accuracy, test technique employed, accountability and com-
parison of component performance between airplanes. These
implications can be made evident by considering a specific
example. Assume that the split or bookkeeping definition is
established by the condition of the flow nacelle on the air-
plane drag model. Further, assume the reference flow-nacelle
condition is one which passes airflow equal to the inlet
capture area through the duct for all Mach numbers (i.e.,
MFR = 1.0).

Both the inlet and nozzle geometry are significantly altered
relative to the operating condition of the propulsion system to
achieve this condition. Thus, as shown in Figures 2 and 3, the
propulsion force increment measured relative to this reference
will contain a significant drag increment that is associated
with the flow-through simulation of the propulsion system yeo-
metry on the reference flow nacelle. These "configuration
Change" drag increments will ultimately have to be assigned
to airplane drag (i.e., scaled from model test data) when
comparison is made with flight test data; when evaluating
performance of competing airplane configurations or when
attempting to develop a technology base for predicting drag of
the real airplane in flight. This is completely correct and
consistent bookkeeping. However, consider that-with this
kind of reference significant configuration dependent drag
increments for the airplane system are measured on inlet and
nozzle component models which are designed to accurately
measure external force changes associated %4ith engine flow
and pressure/ratio change rather than on t'he airplane drag
model which is used to develop the airplane configuration.
Referring to Figure 2, by simply changing -the flow nacelle
condition then the configuration change drag increment becodiyes
a part of the total measured for the airplane, the airplane
drag contains the interference associated with it. Note some
small correction to the drag polar may still be required due
to differences in the inlet ramp angle. This increment, how-
ever, as indicated in the figure will usually be quite small
and on a scaled basis will not significantly affect the air-
plane drag buildup accuracy.

From this brief example it is apparent arbitrary selection of
the bookkeeping is not desirable if one strives to meet overall

4
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objectives for airplahe system performance prediction accuracy.

JRather, selection should be based on satisfying criteria de-
rived from the overall objective.

First of all, accuracy of simulation And measurement in the
wind tunnel is required, ,hot only for the propulsibn system
compOnents, but also for the airplane system. Thus, all
aspects of the propulsion system such as external geometry
and inlet flow that can be obtained with the flow nacelle

C simulation'should be attempted on the airplane drag model

providd- the reference condition so obtained can be accurately
reproduced on the propulsion model. Secondly, the performance
integration definition and integration procedure must afford
as much visibility as possible Of the behavior of the components
involved (inlet, nozzle, airframe, engine) cocnsistent with the
accuracy requirement, in order to provide a basis for comparison,
evaluation and development of component technology. This is
best obtained by Selecting references for the inlet, nozzle
and airplane which not only provide a near operating condition
but at the same time are sufficienitly general to be adopted for
a variety of airplane systems and types.

Finally, it is desirable that a single performance integration
system can be found that would be applicable thro'ighout the
entire airplane development cycle (e.g., from the initial
theoretical design through flight test). This will make it

C possible to trace the evolution and adequacy of the performance
prediction of the airplane system relative to component or sub-
systems performance over the total life of the program.,

With these criteria, and a review of bookkeeping (TReferences 1-9)
a performance integration method described below was evolved.

2.2 SYSTEM DEFINITIONS

The basis for a complete accounting of forces acting on the air-
plane system in flight is to a large extent derived from the test
techniques used to simulate the propulsion, and airframe subsystems.
Hence, the performance integration system definitions are de-
rived from a wind tunnel reference based on the following:

1) Engine thrust is established frbm a static full scale thrust
measurement with inlet internal pressure and exhaust system
altitude condition reproduced in the test cell.

~ 2) Airplane drag is derived from a reference full airplane
force and moment model having a flow nacelle simulator of
the propulsion system at a specified mass flow condition.

3) Inlet drag is derived either from the full airplane model
or a partial airplane model using a flow nacelle simulation
and the same reference condition as 2).



4) Exhaust system dragp is derived from a full or partial
airplanie model having faired over inlets: and blown
nacelle simulation for jet effects and the same re-
ference condition as 2).

The reference condition is established: with the airplane model.
It -is a measurable repeatable condition which is accurately
duplicated on the inlet and exhaust nozzle models and serves
as the connector for the experimental buildup of the drag
polar for the "baseline" airplane.

The "base-line" for the full scale airplane drag is a specified
inlet and exhaust system geometry and flow condition, where-
in the propulsion system throttle dependent drag is defined to
be zero. All engine throttle conditions different from the
baseline conditions produce a throttle dependent drag which is
charged to the engine net thrust. Thus the "baseline"' defini-
tion constitutes the bookkeeping definition for splitting
thrust and drag on the full scale airplane.

With these definitions the total force for the airplane in the
flight direction is given by

SADA/PA A

FTOTAL F +AF + -AF D -ADx(D)Vi R N REF EDXH INLExI NINL A/P A/P

The first three terms on the right side of equation (1) combine
to form, by definition, the propulsion system net thrust, FNA
(There n is the number of engines on the airplane). The A
three terms subtracted at the end combine to form the airframe
system drag, which is independent of engine throttle setting,
DA/P. All drag variations associated with changes in throttle

setting are included in the inlet and exhaust system force in-
crements, AF and AFNx, tespectively.

IN INL EXII

All of the terms on the right side of equation (1) are defined
below.

2.2.1 ENGINE NET THRUST, FN
R

The engine net thrust FNR is defined to be the difference be-

tween the gross thrust of the exhaust system in quiescent air,
at a specified pressure ratio, and the ranm drag on the engine

B



Sstreamtube at the specified flight cdonditions. The engine
streamtUbe incliudes. by definition all of the airflow demand
at the iengine face as well as any secondary airflow captured
by the, engine inlet and ducted Around the engine to the ex-
haust system. Any additional airflow captured by the inlet
"and duc ted overboard through bleed or bypass systems,, or
simply lost by leakage, is not part of the engine streamtube.

The effects of inlet internal performance, i.e., inlet total
pressure recovery and steady-state and dynamic distortion, are
accounted for 'in the engine net -thrust. Thus, identical
engines in a multi-engine airp'lane might produce different
engine net thrusts because of differen.t inlet installations.

The effects of engine bleed, engine power extraction, and
exhaust system internal performance are also accounted for in
the engine net thrust.

The term "gross thrust" used in this definition of engine netthrust is the force that would be measured on the balance in a

blowing test, in quiescent air, if the inlet air were intro-
duced in ,a direction normal to the thrust direction. For most
exhaust systems the gross thrust equals the integral of total
momentum (axial ,momentum flux plus pressure increment above
Ambient) across the nozzle exit plane. For a plug nozzle, it
also includes the force '(in quiescent air) on the part of the
'plug extending beyond the exit plane.

The "ram drag," used in this definition is the product of the
mass flow in the engine streamtube and the flight velocity.

Thu-i the engine net thrust FNR can be determined in 'an altitude
chamber with an available engine using conventional techniques.
The effects of inlet internal performance would be simulated,
and the measured thrust would be c6rrected to the proper ram
drag for the flight conditions being simulated.

2.2,.2 inlet Thrust Increment, AFNINL

The inlet thrust Increment (inlet throttle dependent drag.) is
the drag increment between the inlet at its baseline condition
and its Operating condition. It isý derived from:

AFNNL AFTOTAL iNL - DINL-A/P

9



where

AFTOTAL iNL is the total inlet drag measured relative to

the rerence flow nacelle condition.

ADINA/P is the drag increment between the reference flow

nacelle and, baseline inlet.

The relationship between the Various increments thus defined
are shown geometrically in Figure 4. Note that the reference
and baseline condition for the inlet is intended to 'be the same
and usually differ only because of difficulty in achieving the
full scale baseline condition on the small scale reference air-
plane model. Thus ADINLA/P is usually quite-small and is used

to correct the reference airplane drag to the baseline airplane
drag.. The inlet baseline condition is defined at each Mach
number as shown in Figure 5. These conditions were chosen be-
cause:

a) it corresponds to an accurate reference and measurable
-condition for the real inlet,

b) it corresponds to a condition when inlet spillage drag is
minimum (i.e., minimum lip separation and therefore less
error in scaling)

c). it is near the oper&ting condition of the inlet (airplane
reference model therefore contains major inlet inter-
ference effects).

SFigure 6 compares theoretical buildup of the total inlet drag,
with the experimental definition established above. The ex-
perimental buildup of the inlet forces from balance and flow
nacelle measurements is defined in Figure 7. Figures 8 and 9
show the experimental results schematically for the subsonic
and supersonic conditions respectively.

Typical data thus obtained from a full airplane model is shown
in Figure 10. The corresponding, ttal inlet drag derived from
the data is shown in Figure 11.

2,.2.3 Exhaust System Thrust Increment, AFN
S...... .. E XH

As for the inleti the exhaust system thrust increment is the
throttle dependent drag increment between' the baseline exhaust
system condition and its operating condition. It is derived
f rom:

10
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Where:

DBleed and Dgypass Drag associated with momentum-loss and exit doors of
rei.pective systems,

DAdd Integrated pressure along inlet captured stream tube,

Dpress +S.F. Integrated pressure and skinfriction over all surfaces
affected by spillage.

If secondary air is removed from-inlet or leakage differences occur between model
and full scale-then these drag losses must be included as well.

Figure 6: TOTAL INLETDRAG BUILDUP
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FNExH TOTAL EXH ADExI! SYS

C where

'A F is -,the total exhaust system drag measured

relative to the reference flow nacelle nozzle condition

iC ADExH A/P is the drag increment between the reference

and baseline nozzle conditions.

The relationship between the variousr/increments thus defi-ned
are shown geometrically in Figure4. The difference between

SC, the reference and baseline condition wilJ be greater for the
C exhaust system because of inability to simulate both inlet and-

exhaust system baseline condition simultaneously with a flow
-nacelle. Thus, AD is the airplane drag correction

EXH-A/P'
bridging the gap between the flow nacelle nozzle and real
baseline nozzle. The baseline condition selected for the

S( nozzle was maximum afterburning external geometry and a jet
exit static pressure ratio of 1.0. This. allowed duplication
of real external nozzle geometry while at the same time pro-
viding sufficient base area for maximum inlet mass flow
requirements.

S(. The theoretical buildup of the exhaust system drag is shown in
Figure 13 compared to the experimental definition. A schematic
of the blown nacelle installation used in the experimental
buildup is shown in Figure 14. The blown nacelle is alternately
operated with tunnel off (wind-off static thrust) and with wind
tunnel on at desired Mach number condition., The measurements

S( thus obtained are cOmbined as shown in Figure 15 to establish
the total exhaust system drags -Figure 16 graphically portrays
the results. Typical data- is shown in Figure 17.

2,2.24 Airplane System Drag, D

"The airplane drag, DI, is established for the defined inlet
and nozzle baseline %indition. It is derived by scaling thc'
model data to full scale. It is made up of these terms, namely:

+ADE + AD
A/P EF + DINL-A/P ExII-A/P

"where the inlet and nozzle increments are derived from the pro-
pulsion wind tunnel models or theoretical buildup and DREF is
derived by scaling the external force measurements of thF
reference airplane wind tunnel model. Figure 18 and 19 illustrate

1-9
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the buildup to the full scale baseline airplane drag polar frommodel scale data for both the subsonic nd isupersoih c case,

respectively..

Note that the flow nacelle reference /inlet Spillage is reflectedin the shape of the meAsured drag _polar which is unchanged inthe scaling to full scale. This is a prime reasbOn for attempting
to reduce -the increment ACD that is added to correct the

Sp fINLcA/ sdrag polar from the reference to baseline condition,
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SECTIoN III

L GENERAL CORRELATIONS

31. TAKEOFF RECOVERY

Inlets designed for high-spbed flight usually have sharp
Scowl lips and ramp leading edges to reduce drag and shock

losses -at high Mach numbers. These same sharp lips cause
flow distortion and losses in total pressure recovery at
low speeds (when AO/ALIP >1.00) due to separation inside

the inlet lip. To &chieve acceptable inlet performance at
Sthese low speed conditions, it is common to employ takeoff

-doors- (sometimes called, auxiliary inlets)- to provide addi-
tional flow ,passage area into the diffuser. This reduces the
flow Mach numher around: the sharp lips and helps the lip.
separation problem.. The exact benefits to be gained by any
given set of takeoff doors depends on their shape, location,
size, and distribution -around the diffuser periphery. To
obtain detailed, thioroughly reliable data to show their
effects, then, it is necessary to make wind tunnel tests.
For purposes of preliminary studies, however, this is

T usually not practical., However, some means must be provided
to account for the effect of takeoff doors. To acc6mplish
this for the •PITAP procedure, a correlation of lOw-speed test
data from Reference, 10 was developed as shown in Figure 20.
The low speed data, with total pressure recovery, PT /PT

2 0
plotted as a function of the corrected weight flow parameter,
W2

showed a good correlation, regardless of the size of

t~e takeoff doors. In this case, AT was always equal to the
sum of the main inlet throat area plus the area of the take-
off doors. Thus it makes a convenient generalization for use
in all preliminary estimates of low-speed performance. Simply
add the throat area of the takeoff doors to that of the main
inlet and calculate the recovery as if the main inlet were
operating at a correspondingly lower throat Mach number.

A correlation of experimental data (presented in Figure 21)
is used to calculate the effect of lip bluntness on total
pressure recovery at takeoff.

This method (Ref. 11) which is used to calculate total pressure
recovery at the thkroat of an inlet with rounded lips, calculates
the fraction- of the loss for sharp lips that is applicable to
rounded lips according to the folloiwing equation:
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Where K idl (Figure 21) is based on experimental data.

3.2 SUBSONIC DIFFUSER LOSSES

Subsonic diffuser performance is difficult to predict analytic-
ally because it is a function of many interrelated geometric
and aerodynamic parameters. Because of this, attempts to
simplify the predicti6n of diffuser performance have met with,
varying degrees of success. The most reliable diffuser data
is that obtained from wind tunnel tests of the Specific
configuration of interest at realistic operating conditions.
This type of data is normally not available, however, during
preliminary studies. Therefore, about the best that can be
done is to use the existing data, supplemented by theory, to
arrive at an estimate for the new diffuser geometry. This
section presents some data correlations that can be used to
estimate the magnitude of the effect of various geometric and
aerodynamic parameters on subsonic diffuser efficiency, Sub-
sonic diffuser efficiency is expressed in-terms of total
pressure recovery from entrance to exit PT2/PT

2 1

Much of the experimental work shows that, for a given diffuser
geometry, the total pressure loss characteristics of a subsonic
diffuser can be reasonably well represented by expressing the
total pressure loss as a function of the entrance dynamic
pressure, where the diffuser loss coefficient is expressed as:

= : and -C2
S-PTI - (1 + .2M1)3.5

Many subsonic diffusers have been experimentally shown to have a
nearly constant duct loss factor as a function of throat Mach
number, at least until the point is reached where the diffuser
throat is nearly cholced. Thus, it is possible to calculate
directly the total pressure loss through the subsonic diffuser
if the duct loss factor, e, is known or assumed. The relation-
ship between these variables is represented graphically in
Figure 31. If the diffuser duct loss coefficient is known or
can be estimated from experience, this method provides a con-
venieP.t way to determine diffuser total pressure losses.
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The most important factors which inflience diffuser total
pressure losses are:, area ratiO, length-, entrance conditions
(is there a shock ahead- of the entrance or nht?),,and throat

C Mach nuimber. Althodgh -diffuset test data can be presented in
many different forms, depending on the geometry of the diffuser
tested ý(for example; s vs. third ramp angle, E vs. effective
conical diffusion angle, etc.), these parameters can be related
to one of the more general parameters ýdescribed above. This
makes it possible to generalize the availlable data for pre-

Slimninary analysis purposes. This is the approach used in
obtaining the data correlatiOns presented in this section.

Figure 22 -presents data showing the effect of variations in the
third ramp angle for a subsonic diffuser, for a two-dimensional.
inlet. The increase in third ramp angle causes a smaller throat
size. This effectively increases the area ratio, AExiT/Athot

and -produces higher losses at inlet throat Mach numbers above .65.

Free-stream Mach ;humber has relatively little effect in the
diffuser loss coefficient (Figure 23), as long as the flow ahead

( of the entrande is s'ibsonic.

Figures 24, 25, and 26 present correlations of data which show
the effect of subsonic diffuser length on total pressure loss
coefficient, e, and max-minus-min distortion parameter. Another
important factor in determining the total pressure loss through

C the diffuser is the presence of a normal shock ahead of the
diffuser entrance. The effect of this shock is easily seen by
comparing Figure 25 (no shock) with Figure 26 (shock present).
Substantially higher total pressure losses are incurred by the
diffuser with the shock ahead of the entrance. The shock also
increases the turbulence in the diffuser,, an important considera-
tion for engine/inlet compatibility.

The effect of bends in the diffuser is shown in Figure 27.

The increase in diffuser loss due to increasing area ratio is
shown in Figures 28- and 30.

C
Boundary layer effects on diffuser loss are presented in Figure
29. Allowing for scatter in the experimental data, it is
difficult to sort out consistent dif£ferences due to boundary
layer effects which can bi ...onsistently explained. It appears
that a fairly wide error band must be accepted for the existing

( data.

Figure 31 presents a curve that can be used to relate the duct
loss coefficient, e, to a pressure recovery, PT/ , for any

231
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given throat Mach numberf MI. This curve can be used to estimate
diffuser losses, even. if fno experimental data are aVailable.
It is necessary to estimate a duct loss coefficient (either a
constant or a variation with M4). if no other value is available,
use a constant F_= .12 for subsonic entrance conditions and a
constant t = .16 if a normal shock is ahead of the diffuser
entrance.

3.3 SHOCK LOSSES

Inlet total pressure recovery is a function of many parameters,
-and so it is difficult to develop generalized correlations that
are applicable to a Wide range of configurations. Nevertheless,

by plotting the operating .(engine-matched) total pressure re-
coveries for a, large variety of full-scale and small scale inlet
tests for a range of Mach numbers from 0 to 3.0, it is possible
to detect definite trends in the experimental data that are
predictable, according to theory. A plot such as this is pre-
Sented in Figure 32. At first glance, the data appear to follow
no particular patterns. However, if the data of Figure 32 are 1,
dcmpared with the theoretical plots shown in Figure 33 it is
seen that the experimental data fall into trends that are to be
expected, based on the factors that are known to cause the
greatest losses for each Mach number regime. Figure 33 was
calculated to show the effect of sharp lip losses, subsonic
diffuser losses, and Shock losses. At low speeds, the sharp- )
lipped'supersonic inlets have large losses in recovery, while
the subsonic inlets with blunt lips have high recovery. At
transonic speeds, the subsonic diffuser losses account for most
of the total pressure losses. As flight Mach number is increased
to higher supersonic speeds, 'the shock losses increase steadily,
reducing total pressure recovery greatly. The shock losses
depend on the number and strengths of the shocks used to deceler-
ate the flow to subsonic Mach numbers for use by the engine.
By knowing the complexity of the inlet comression scheme (N =
number of shocks), the lip shape (blunt or sharp), and the
approximate subsonic diffuser efficiency (average duct loss
factors can be used when no unusual geometries are required),
calculations can be made of overall inlet recovery that are suit-
able for-preliminary performance predictions.

3.4 BOUNDARYLAYER BLEED AIRFLOW

The amount of boundary layer bleed airflow required to make an
inlet operate efficiently depends on several factors: design
'Mach number, type of compression scheme, sideplate design,
shock stability required, engine tolerance to distortion, and
the extent to which the inlet performance is optimized., Bleed
system design is a complex analytical and experimental problem,

4
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requiring much development time to be spent oh a relatively small
hnumber of specific configurations. The available data have been

1C plotted to obtain the generalizedý curves shown in Figure 34.
These curves can be used to obtain design point bleed airflows-
for reasonably Well-dptimized inlet configurations as a function
of free-at•ream Mach ntumber.' If more detailed bleed data are

9 1 desired, refer to Section IV.

IC 3.5 BOUNDARY .. .AYER PLENUM PtRESSUIXE

The boundary layer plenum pressure depends mainly on the type
of bleed removal system used. There are many factors that can
have some influence on the total pressure recovery of the bleed-
air. These factors include: type of scoop or hole geometry
(shape, size, angle) used to remove the air, the region of the
inlet where bleed air is removed (forward surfaces have high
Mach number flow, low static pressures, and hence, low bleed
plenum pressures, while the throat region has high local
pressures and hence, high plenum pressures), boundary layer
thickness, shock position, and number of bleed compartments.SIt is too difficult to account for all these factors in a pre-
liminary design method which is to be applied to a wide variety
of configurations.

As a practical matter, however, either a slot or porous bleed
removal system is usually employed, which is optimized through

C testing until the highest plenum pressure is achieved that is
consistent with adequate bleed removal. For preliminary
design purposes, a correlation has been made of plenum
pressures obtained for each of the two types of
bleed systems most com..only used as a function of free-stream
Mach- number. This correlation is presented in Figure 35.<
3.6 NOZZLE BOATTAIL DRAG

The ability to correlate isolated boattail drag is hindered by
the fact that there is considerable disagreement in the litera-
ture with regard to experimentally determined boattaii drag
coefficients for similar or identical boattail shapes. Some
of the disagreement is attributable to different simulation
techniques (e.g., solid jet simulator vs. cold-jet blowing), and
some must be assumed the result of tunnel blockage effects or
support interference. The subsonic correlation Used in PITAP
is based on a blown-model test (Ref. 12) run in the Boeing
Transonic Wind Tunnel with circular arc boattail nozzles. The
drag at a nozzle pressure ratio of 2.5 was correlated as a func-
tion of the boattail chord angle from the start of the boattail
to the nozzle exit. The data (with calculated skin friction
removed) are given in Figure 36.
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Although FigUre 36 applies Strictlyto, circular arc boat tails
only, there is some evidence that d cohidal boattail with a large
corner radius at the start of the boattail behaves in a similar
fashion. Figure 37, from Ref. 13, shows6 boatt~il pressure drag
CharaCteristics for conical boattails with corner radius ratios
(radius oVer model maximum diameter) varying from zero to 4.84.

All of the open symbols correspond to models with trailing edge
boattail angles (not chord angles) of 15 degrees. For radius
ratios of 1.0 and less, the traiisonic drag rise charaCteristics
ate clearly affected by the relatively sharp corner. For radius
ratios of 2.5 and, 3.5, however, the drag rise characteristics
match those of the model with a radius ratio of 4.84, which is
the limiting.case of a cirdular arc boattail. Also plotted in
Figure 37 is 'some Conical boattail data from Ref. 14 which
correspond to the saMne nozzle geometry as the Open circles.
The disagreement in drag coefficient level of 0.03 to 0.04
apparent in the figure illustrates the difficulties involved in
generating reliable correlations.

In Ref. 13 t. data shown in Figure 37 were also cross-plotted
to show the etfect of corner radius at various Mach numbers,
as presented in Fig. 38. The corresponding predictions from
the PITAP correlation are also plotted at Mach 0.9 and 0.8.
PITAP predictions at Mach 0.56 and 0.7 are the same as at Mach
0.8). The PITAP predictions decrease with radius ratio because
the start of the boattail, used to define chord angle, moves
upstream with increasing radius ratio.

Despite a drag coefficient level difference of about 0.02, the
PITAP predictions display the same trends as the conical boat-
tail data for corner radius ratios of 2.5 or morei

It should perhaps be noted that both the PITAP data and the data
C of Ref. 14 indicate higher drag levels than the data of Ref. 13.

Both the Boeing test used for PITAP correlations and the test
reported in Ref. 14 used blown models to achieve jet simulation
The test reported in Ref. 13 used a solid plume simulator instead.

For supersonic Mach numbers up to Mach 3.0 PITAP uses the ex-
a •pression given in Figure 36. This represents an empirical

correlation of data from several sources, as shown in Figure 37.
The correlation was biased at the lower Mach numbers toward
data obtained with blown jet simulation. The form of the corre-
lation was suggested by supersonic wave drag considerations (Ref.
15), and, as shown in Figure 39 it does a reasonably good job

C of collapsing the data.
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3.7 BASE -PR288SPRE

The PITAP method is currefttly- set up to receive an -input tabble of
base pressure coefficient versus Mach number for a specifiedi
afterbody geometry. It cant use the base pressure coefficient
from the input table and a specified base area t6 compute base
drag as a function only of freestream Mach number. However, to
be throttle-sensitive, the base area must be located where it
"C also affected by the propulsive jet effects Whith vary with

T'C nozzle pressUre ratio. In addition, the base pressure is known
to be sensitive to approaching, boundary layer conditions. There-
fore, methods to account for these effects should be incorporated
into the calculation procedure to obtain an improved base pressure
prediction.

C
Subsonically, the effects of the propulsive jet may be accounted
for by using correlations obtained by McDonald and Hughes
(Ref. 16).

The McDonald and Hughes correlation gives the increment in base
C pressure coefficient between a base with no jet effects and one

with a jet of a given nozzle pressure ratio and a given tempera-
ture. The correlation is presented in Ref. 16 for a freestream
Mach number of 0.90 and jet total pressure ratios of 2.0 and 3.0.
The correlation is seen to work fok: approach boattail angles
from 8 degrees to 24 degrees and specifically treats the case of

C an annular base around the jet. The key correlating parameter
is the jet diameter squared divided by the product of the base
diameter and the maximum diameter. Figure 40 presents this
correlation for a jet pressure ratio of 2.0. The success of
this parameter in correlating the data at Mach 0.90 suggest
that it be tried at other subsonic Mach numbers. The method

C of McDonald and Hughes for Mach 0,.90 is progranmed into ?ITAP.

For supersonic Mach numbers, from 1.0 -to 2.2, an excellent base
pressure correlation has been reported in Ref. 17. Using
correlation parameters called B and C which involve a reference
base pressure level and known information about nozzle geometry

C and pressure ratio, a remarkable collapsing of the available
data is obtained, as shown in Figure 41.

The parameters B and C are defined below:

B lMn-I (.815 - 1.15 lnK) (1p) (/,;)
MP ) ,

where(P-. = model base pressure ratio
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ii
I

, = base presure r-atio at 'R fr~om Fijure 42.

M4 P + M P.0- o _ j

e

M. - Mach number correspondihg toi nozzile pressureS•3 r ati&

•B =base perimeter exposed to freestream

P, jet perimeter

P - perimeter of circle of area equal to the base
Se areai

A. p.2(Db D ) - 1 5.. ... e
C (.374w + 0.62) Mj d•.in •iM• A MA es.. A le

design- 10 dsign Ab P00

where Db = base diameter

Dj jet exit diameter

M1ds nozzle design exit Mach number
ides i gn

A. = jet exit area

AB base area

P. - nozzle exit static pressure (just inside the

je nozzle)j

The parameter (P /P • is plotted as a function of k in Figure
42. B is plotteA as. 'function of C in Figure 41.

The procedure for determining base drag is then:

1. -Compute C

2. Find the corresponding B from Figure 41.

3. Compute K

4. Find(v) from Figure 42.

K

5I
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5. Compute from Ba nd C I

BS k\ \/M,

A method -'to account for upstream boundary layer effects has been )
developed by Nash (Ref. 18). Nash, proposed a curve of the limit-
ing value of the base pressure coefficient for zero boundary
layer thickness as a function of Mach number. Then he obtained
&n impressive correlation (Figure 43) for the increment in b&se
pressure coefficient due to a finite momentum thickness 0
approachihg a base of effective height h. Thus the base
pressure coefficient in the absence of jet effects can be
estimated. The momentum thickness, 0, to make use of the
correlation can be obtained from experimental data, detailed
theoretical calculations, or engineering procedures, as time
permits.

3.8 INTERFERENCE DRAG

PITAP is programmed to accept an input drag increment table
giving "interference" drag. Potentially this slot could be
used to account for any discrepancies between the calculated
isolated nacelle drag and the actual drag of the nacelle in-
stalled in an ai;:plaine configration.

At the present time this table is being used solely to account
for the twinning penalties associated with putting two naceltes
side by Side with a Clean., sharp-edged interfairing in between.
The independent variables are Mach number and spacing ratio,
i.e., center line spacing over nozzle exit diameter. (The
present version of PITAP, however, can handle any number of
side-by-side nozzles in a row, adding n-l twinning penalties
for n nozzles.)

The interference drag coefficients used in the procedure
(Fig. 44) at spacing ratios greater than those for which CDI is
a maximum are based on data from Refs. 19 and 20 which are In
generally good agreement with recent data reported in Ref. 21.
At lower spacing ratios, the curves correspond to completely
separated flow on the insiae half of the nozzles and on the
entire interfairing and base drag, has been computed for this
region.

Figure 44 has been shown to work quite well when applied to
plug nozzles as well as convergent or convergent-divergeat
nozzles. In this case the equivalent no•,,le, concept is first
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used to estimate is6lated nozzle drag, and then Figure 44
is used, with spacing ratio defined to be cehteriine spacing,
over fully expanded exit diameters. Figure 45 (from Ref. 22)
Shows a comparison of twin-nacell• thrust-minus-drag.
predicted performance and measured performance for both plug
and cohvergent-divergent nozzles. Although the agreement
is better for the convergent-divergent nozzles, in both cases
the prediction is within about 1% -of grOss thrust.

For nozzle interfairings that differ from clean sharp-edged
fairings, a considerable amount of data (Refs. 19, 21, 23,
24 and 25) is available, but realiable correlations of the
interference effects as such do not exist.

3.9 NOZZLEoPRESSURE RATIO

The pressure ratio correction used in PITAP is shown in
Figure 46. T'he effect of increasing jet pressure ratio is
two-fold. Increasing the size of the exhaust plume tends
to force higher pressures on the nozzle Surfaces, decreasing
drag. Jet entrainment effects tend to pump down the pressure
on nozzle surfaces, particularly where separated regions
exist, increasing drag. Over a moderate range of pressure
ratios these effects tend to cancel out. Reference 26
provides an example where these two opposing effects were
isolated. Between jet-off conditions and a particular jet
pressure ratio no net effect was observed. Using a solid
plume simulator, thus eliminating entrainment effects, it
was determined that the jet plume produced a favorable
increase in isolated boattail drag coefficient of 0.02i
while entrainment had accounted for -0.02.

The relative importance of entrainment and plume effects is
a strong function of how much of the flow is separated or
in a base region, and thus sensitive to entrainment effects.
The Boeing data of Figure 47, (Ref. 27-) clearly illustrates
this phenomenon. The upper three bands of data represent
twin nozzle configurn-tiOns for which oil flow photographs
revealed significant separated'regions. Between a pressure
ratio of 2 (barely more than ram pressure ratio) and 4 there
is little apparent effect of pressure ratio on drag. The
dashed line is a single nozzle reference configuration which
had no separated flow. For this nozzle, plume effects
cause a continuous reduction in drag with increasing pressure
ratio.

Similarly, in Figure 46 the highest angle nozzle does not
benefit as much from high pressure ratio as the intermediate
angle nozzles. (The low-angled nozzles are almost zero drag
at the outset.)
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Considerations such as these suggest that the pressure ratio
effects might correlate Well with the initial drag level
at a reference pressure ratio. 1'f the drag coefficient
were normalized: by the projected nozzle/afterbody external
surface area,: it represents a measure of how much separaLion
existed at the reference nozzle pressure ratio.

3.10 CONVERGENT-DIVERGENT NOZZLE NON-ISENTROPIC EXPANSION LQSSES

C The d6nveigentodivergent nozzle -suffers a noh-isentropic
expension loss unless' the internal contours are specifically
designed for isentropic flow; Most C-D nozzles for aircraft
have a simple conical diver gent section and therefore
exhibit this loss. The loss was originally called a "cosine"
loss because it ban be roughly defined by the expression

v = 1/2 (1 + cos 0)

where 0 is the nozzle divergence half angle, The above AC
expression can be derived by finding the loss in momentum
parallel to the nozzle axis as the flow expands in a spherical
manner as sketched below.

C

Careful experimental determination-of the "cosine" loss
for a series of conical convergent-divergent nozzles has

( been reported in, Reference 39. The data from this report
are summarized in Figure 48 as CV, angularity loss coefficient at
design pressure ratio, versus nozzle angle and area ratio.
The loss predicted from the simple cosine loss equation given
above is also shown. At high area ratios the simple expression
is reasonably good. At the lower area ratios typical of
aircraft nozzles, the deviation between the "cosine" loss
and the actual nozzle internal flow loss significant. It
therefore appears that the loss is due to non-isentropic
expansion and should be predicted, from the data of Figure 48.
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S3.11 VELOCITY.COEFE'ICIENTLOSSESFOR PLUGNOZZLES

For a plug noh le the ratio of cowl to throat area affects
n6zzle perfOrmance as shOwn in Figure 49. The ordinate is
the peak performance possible from a well-designed plug
nozzle. The data shown6 are frOm References 22, 29 and 30
and include plug half angles from 10 to 20 degrees and
pressure ratios from 1.5 to 4.

The data of Figure 49 are for optimum nozzle designs. As
throat anglei the difference between cowl internal angle
and plug angle, and plug truncation length are varied,
additional losses must be subtracted from the peak Cv'S Of
Figure 49.

!No performance loss is suffered if the cowl angle is greater
4 than the plug angle, but if it is less, the losses indicated

in Figure 50 will occuri Figure 51 presents truncation loss
corrections.

Correlations for blow-in-door ejector nozzk: 'internal
IC perfOrmanfce are not now available. Attempts to derive

satisfactory correlations from the available data (e.g.i
References 31-36) will therefore be necessary.

3.12 VELOCITY COEFFiCIENTS FOR CONVERGENT NOZZLES

Tý Results from a parametric test of 16 convergent conical
nozzles (Reference 28) are shown in Figures 52 to 55.
The data show small but definite effects due to wall angle,
a, and diameter ratio D/D-. Penalties dLQ to skin friction
and underexpansion losses ire charged separately, as shown
in Figure •52.

During preliminary design studies, the simplest method of
predicting nozzle performance, termed a "Level 1' prediction,
is adequate because the nozzle geometry is not well defined.
The nozzle is charged with ACV = 0.005 for skin friction
losses and underexpansion losses are ch aged for supercritical
pressure rations.

3'.13 NEW ESIP AFT-END DRAG PREDICTION METHOD

3.13.1 Introduction

A parametric wind tunnel investigation of aft-;end drag for
twin, buried-engine configurations has recently been
concluded as part of the Exhaust System Interaction Program
(ESIP). A correlation of the data resulting from this test
program has been obtained, thus providing the basis for a
new drag prediction method which could be readily incorporated
into PITAP.
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The correlation deals with the pressure drag of the aft
fuselage, from the maximum cross-sectional area point back.
As with present PITAP procedures, the drag polar baseline
conditions must be defined so that the installation loss
correction can be computed as the increment from the baseline
conditions to given operating conditions.

The correhtion covers configurations with horizontal
interfairings. (There is reason to suspect it is equally
applicable to other interfairing concepts, or even to single
engine configurations, but data are not now available to
verify this). Subsonic Mach numbers up to 0.95 are covered.
The correlation accounts for the effects of both a single
vertical stabilizer and twin verticals extending radially
from nacelle centerlines.

The correlation treats only the case for which the nozzle
exit static pressure equals freestream ambient pressure.
Pratt and Whitney, as a subcontr:actor to Boeing on ESIP, is
currently working to develop a "jet plume parameter" to
help handle other off-design conditions.

It is anticipated that if a good jet plume parameter can be
found, accounting for the combined effects of such things as
exit static pressure ratio and nozzle divergence angle, the
present correlation could be easily adapted to account for
different values of the plume parameter.

It should be noted that at this time the correlation
effectively uses exit static pressure ratio as the plume
parameter. Some of the scatter in the correlation is
directly attributable to the fact that the various nozzLe
types tested, ranging from convergent nozzles to convergent-
divergent nozzles of area ratios 1.4 and 2.0, and witt,
divergence angles of 6 degrees and 12 degrees, have a
measureably different effect on drag at the same exit static
pressure ratio. The development of a good plume parameter
is expected to improve this situation, and tn permit the
extension of the present correlation approach to off-design
exit pressure ratios.

The Test Summary Section below briefly summarizes the config-
uration variables investigated in the test program. The
Data Correlation and Drag Prediction Sections describe,
respectively, the data correlation that was obtained and
the resulting drag prediction method.

3.13.2 Test Summary

The drag of a variety of afterbodies was measured behind a
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common forebody. The area distributions used to define
aft-end configurations included first-, second-, and fourth-
order polynomials, and a number of elliptical area distribution
not representing an analytic function. All models had
horizontal interfairings.

Unswept stub tails were used to simulate the pressure drag
effects of real tails. (Calculated friction drag was
subtracted from the measured drag. The correlation work
dealt only with the resulting pressure drags.) Additional )
testing with full swept tails, and without any tails,
established that the stub tails adequately simulated the
effects of realistic tails for single-vertical configurations
and for configurations with twin verticals positioned radially
on nacelle centerlines.

On the othar hand the stub tails were found not to represent
the effect of twin verticals mounted outboard of the engine
nacelles. Consequently, the data for outboard tail locations
was not used in the correlation work, and the resulting drag
prediction method is not applicable for such configurations.

The configurations tested covered a range of nozzle exit
areas, afterbody lengths and nacelle spacing. Exit areas
ranged from 10 to 40% of the maximum fuselage cross-sectional
area, Aln. Afterbody lengths ranged from 1.32 to 3.60 times
the equi alent diameter Depr associated with A ' The nacelle
spacing was varied from 67% to 1.28% of De. e 0

3.13.3 Data Correlation

The correlation approach was based on improving the basic
Integral Mean Slope (IMS) approach developed by Pratt and
Whitney. The original EMS parameter represented an area
weighted average of the rate of change of area of the non-
dimensional afterbcdy area distribution:

1.1

IMS=- 1 ]dA-0) d (A/A 1 0 ),

1 10 eq
A9 /A10

100

where A is the total nozzle exit area and Deq = i. Previ-
ous Pratt & Whitney studies indicated the aft-end drag coeffi-
cient, normalized by the projected area (AI 0 - Aj), should
correlate well with the IMS parameter. The ESIP data, however,
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showed that the correlation broke down for afterbodies whose
area plots involved regions of steep slopes. A modified IMS
parameter, called IMS., was then developed to- avoid a
"sensitivity to afterb6dy contours in regions which were likely
to be separated. The IMS, approach is based on specifying
a maximum slope of the non-dimensional area distribution
which can be used in the IMS calculation. The maximum slope
is substituted for the real slope at each step of the IMS
calculation for which the real slope exceeds the maximum
slope. The resulting improvement in the correlation is
illustrated in Figure 56, which compares the IMS and IMS,
approaches. The limiting slope for the IMS, calculationT
for this figure was 1.4. This had little effect for some
afterbodies, but had a very large effect for others. The
solid symbol in Figure 56 represents and extreme case of an
afterbody with very steep slopes near the nozzle exit. The
original IMS value of :1.0 was subs'antial.y reducied to an
IMST value of 0.68.

The best correlation was obtained by making the maximum slope
a function of Mach number. Figure 57 gives the values of
the maximum slopes which have been determ.neod to yield the
best IMST correlations. At low Mach numbers the maximum
slope is quite large, and there is very little difference
between IMS and IMST for most afterbodies. In the drag rise
region, where larger portions of a typical afterbody are
likely to be separated, the reduced valt.e of the maximum slope
means that it comes into play over a larger portion of the
projected area in the IMS, calculation. Here there is likely
to be a significant diffe'ence between IMS and IMS,, for high
drag afterbodies.

The resulting correlation for centered twin vertical
configurations (i.e., verticals mounted radially from nacelle
centerlines) is given in Figure 58. Here CD indicates the

pAPpressure drag coetticient based on projected area A10 - A 91
As indicated the data represent a wide range of aft-end
geometries and nozzle types. Nearly all of the data is
correlated to within a scatter band little larger than that
estimated to be inherent in the data itself.

A similar correlation for single vertical configurations is
shown in Figure 59. The centered twin vertical configuration
was considered the primary tail configuration for the ESIP
test, and there are consequently fewer data points for the
single vertical configurations.

The two sets of correlations were found to be nearly identical
except for a level shift of 0.006 in C Thus the two

7AP.
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correlations were combined, as shown in Figure 60 into a
single correlation in terms of C + AC Here AC equalsD D*Dzero for centered twin vertical configurations and
0.006 for single vertical configurations. That is, the
data for single vertical configurations have been raised
0.006 to the level of the centered twin vertical data.

It is always desirable to account analytically for the
effects of as many independent variables as possible in a
set of correlation curves such as those shown in Figure 60.
This minimizes the risk of interpolation errors, particularly
when the curves become part of a computerized prediction
method.

In Lhe case of Figuie 60 it can be shown that all four of
the correlation curves vary almost precisely as the IMST
parameter raised to the 2.77 power. Thus the IMST
dependence can be divided out to obtain a drag parameter
which is a function of Mach number only, as shown in Figure 61.
The upper half of the figure shows that the trend lines become
flat, i.e., independent of IMST, when the drag parameter is
defined as described above. Thus the ESIP correlation
can be reduced to the single curve shown in the bottom half
of the figure.

Figure 61 may give the false impression that the correlation
does not work quite as well for models with low IMST values,
where the apparent scatter is greater, as for models with
high IMST values. However, the scatter at low IMS T values is
created by the fact that for the low IMST (low drag)
models a relatively small increment in the absolute value of CDmay represent a sizeable percentage of the initially smeli D
value of C.

The overall effectiveness of the correlation curve shown in
the bottom half of the figur', in accounting for all of the
data in the data base is show., in Figure 62. This figure
compares the value which would be predicted by the correlation
for each data point with its actual value. The dashed line
represents the locus of perfect agreement. In this figure it
is cluar that the low drag models are accounted for quite
accurately. Nearly all of the data are accounted for within
0.02 in CD, with the majority of it within 0.01.

3.13.4 Drag Prediction Method

The correlation shown in Figure 61 can easily be built into
a computerized prediction method for subsonic afterbody drag
of twin buried engine configurations. The overall procedure
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is illustrated schematically in Figure 63.

The first step would be the inputting of the non-dimensional
afterbody area distribution, as shown. The area distribution,
together with the maximum slopes given in Figure 57, are then
used to calculate the IMST values as a function of Mach number.
This procedure has already been programmed for the hewlett
Packard 9810A desk-top computers. Thus the curve of IMST
versus Mach number can be generated within minutes of the
receipt of an area distribution.

The remaining calculations are then the obvious ones. The
drag parameter from the basic correlation curve (Figure 61)
is multiplied by IMST to the 2.77 power. The appropriate
drag increment for the tail type is then subtracted from
the result to obtain the aft end pressure drag coefficient.
The same procedure should then be repeated for the drag polar
baseline aft-end geometry in order to obtain the drag increment
chargeable to the propulsion system.

The correlation curve of Figure 61 does not extend below Mach
0.7, because no data was taken there in the ESIP test program.
However,extrapolation to Mach zero along a constant equal to
the value at Mach 0.7 appears to be a reasonable approach,
since very little in the way of a compressibility effect is
evident at Mach 0.7. Extrapolation in the other direction,
to Mach numbers greater than 0.95, would, of course, be
unwarranted.

Similarly, the data base includes models with IMST, values
as large as about 1.1. The method should not be considered
applicable to models with larger values of IMST.
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SECTION IV

DATA FOR SPECIFIC CONFIGURATIONS

4.1 INLET DATA

This section contains a collection of data covering a wide
variety of configurations from subsonic inlets through
supersonic designs. The purpose of this section is to
provide a source of data that can be readily used to o•velop
the inputs required to use the PITAP procedure. It can also
be used as a handy reference source for general. inlet
geometrical and performance characteristics.

The data are arranged in the order of design Mach number.
Within each data group, a sketch of a typical. inlet geometry
is presented first, followed by the recovery characteristics,
then drag. As much information as possible is presented, but
complete sets of data are not available for all configurations.
Some of the data sets are complete in the format used by PITAP
and can be used to make installed performance calculations.
Data can readily be added to this section as it becomes available.

4.1.1 NORMAL SHOCK INLETS

A sketch of the normal shock inlet is shown in Figure 68. This
inlet model and several other variations of it, were tested
extensively for drag and recovery characteristics during the
development of the North American F-100 aircraft (Reference 37).
Except for the fact that a LWF normal shock inlet would be
mounted under the fuselage, and have a boundary layer diverter,
the normal shock inlet configuration shown here and its
performance are probably representative of the configuration
and performance levels applicable to LWF at small angles-of-
attack. No boundary layer bleed or bypass are used in the
inlet. The capture area size is based on the transonic airflow
demand of the engine. The decrease in total pressure recovery
at free-stream Mach numbers above 1.50 makes this capture
area adequate to provide all the airflow required to match
engine demand up to Mach 2.0. In fact, spilling a significant
amount of airflow is required above Mach 1.5, which accounts
for its high drag at engine matched condition.

Test results up to MO = 1.5 were used as a basis for the
performance data. Above Mach 1.50, total pressure recovery
was calculated from normal shock total pressure losses and
subsonic diffuser losses for a duct loss coefficient of c =.12.
This was found to correlate well with test results up to Mach
1.50; therefore, it offered a reasonable approach to extend
the recovery data to Mach 2.0.
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Figure 68: NORMAL SHOCK INLET
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The recovery-mass flow plots are presented in Figures 69 & 70
and the corresponding matched recovery and mass flow as a
function of local Mach number are shown in- Figures 78 and 79,
respectively.

The distortion limit is shown in Figure 80. No buzz limit
is required for the normal shock inlet.

Spillage drag is presented in Figure 81. Test data from wind
tunnel tests were used to obtain the shapes of the spillage
drag curves for Mach number up to 1.50. For Mach 1.8 and
2.0, the spillage drag slope correspond to the slopes obtained
from additive drag calculations for open nose inlets. For
the normal shock inlet, a reference mass flow ratio of 1.0
was used.

4.1.2 FIXED GEOMETRY,. TWO-SHOCR INLETS

4.1.2.1 TWO-DIMENSIONAL

The configuration is shown in Figure 94. It is designed for
shock-on-lip at M,=2.0. The inlet is basically designed
for Mach 1.60 operation with a capability to go to Mach
2 without having shock ingestion problems. A throat bleed
slot is provided to remove the boundary layer near the normal
shock interaction region. Bleed air is dumped overboard
through a fixed geometry choked convergent exit.

The throat bleed slot was added to improve inlet recovery,
distortion, and flow stability characteristics at Mach
numbers above 1.50. For these higher Mach numbers, the normal
shock strength will separate the turbulent boundary layer.
layer and improve entrance conditions to the subsonic
diffuser.

Figure 95 presents the recovery versus mass flow ratio
characteristics for the inlet from low--speed up to Mach 2.0.
Max airflow match lines are also shown for reference. The
effect of takeoff doors on low-speed recovery is shown in
Figure 96 for MO= .20 and .40.

0
Matched inlet recovery as a function of local Mach numbe-r is
presented in Figure 97. The effect of takeoff doors equal
in area to .235 A is shown to result in a 5% improvement
in static pressurs recovery.

Figure 98 presents the matched inlet mass flow characteristics,
including the effect of boundary layer bleed flow through the
slot. The upper curve, labeled A0 /Ac represents the total

I
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inlet airflow, and the lower curve, labeled A /A represents
the net flow remaining after slot bleed is /A removed.
The mass flow data shown are matched to the engine at max
airflow condition. The matched bleed flow is also presented
as a function of local Mach number in Figure 98. The
variation of boundary layer bleed flow as a function of mass
flow ratio is shown in Figure 105. The sharp drop-off in
bleed flow that occurs at higher mass flow ratios for the
M = 1.6 and 2.0 conditions reflects the fact that the inlet
is going supercritical (shock sucked downstream of the bleed
slot). Th•e ga"-n An bleed flow as mass flow is decreased
results from increased subsonic diffusion ahead of the bleed
slot. This causes higher pressures and greater bleed flow.
The effects of boundary layer on the pressure distributions
have been accounted for in the analysis. These effects
would cause the pressure distributions to propagate forward
and would have a smoothing effect on the curves shown in
Figure 105.

Figures -49 and 100 present the .stimated buzz and distortion
limits. The buzz mass flow ratio is based on data from F-107
tests. The F-107 inlet is roughly similar to the *resent
design and was extensively tested for buzz.

Spillage drag data presented in Figure 101. The reference
mass flow used is shown in Figure 102.

The bleed drag is presented in Figure 103. The variati6n
in bleed flow, A0  /Ac, at each Mach number ':esults from

BLC
variations in main duct mass flow, which cause changes in
inlet Mach number and in shock position. These changes
result in increased pressures in the bleed slot as main
duct mass flow is reduced and reduced pressure as mass
flow is increased.

The increased total pressure recovery in the bleed slot
reduces the bleed drag for a given amount of airflow. This
effect causes the bleed drag coefficient to level off and
decrease slightly as bleed flow increases.

4.1.2.2 AXISYMMETRIC

The basic features of the inlet configuration are shown in
Figure 111. The side mounted half-round inlets have trans-
lating 25 degrees half-angle cone centerbodies. The movable
centerbody is used to provide a large throat area (1740 in.
for low speed operation and, by translating forward, can also
provide shock-on-lip for high recovery, low drag supersonic
operation at Mach 1.60 (Ac 1860 in.2).
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Fiqure 106: TWO-SHOCK, EXTERNAL COMPRESSION, FIXED GEOMETRY INLET
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A moderately blunted, fixed cowl lip and large (860 in.2)
blow-in doors are used to achieve high total pressure
recovery and low distortion at static and low-speed
conditions.

No boundary layer bleed or bypass are used. In the normal
process of developing an inlet of this type, wind tunnel
tests would be conducted to optimize the inlet configuration.
If these tests show that the addition of internal boundary
layer bleed is necessary, no more than 1 - 2% of inlet air
would be required for bleed. The addition of this bleed
would not significantly change the configuration.

Estimated inlet performance characteristics are presented in
Figures 111 through 125 in the format required by the PITAP
program. Each data map shown is entered into the computer
program as a Table.

As shown in Figure 112, the local Mach number was assumed to
be equal to free stream Mach number.

The recovery-mass flow "canes" are presented in Figure 113
for a range of Mach numbers from .60 to 1.60.

Matched recovery as a function of local inlet Mach number
is presented in Figure 114 and the corresponding inlet mass
flow is presented in Figure 115.

Buzz and distortion limits for this inlet configuration
are shown in Figure 116 and 117.

Spillage drag as a function of inlet mass flow ratio and
local Mach number are shown in Figure 118. The reference
mass flow of Figure 120 was used in calculating the spillage
drags of Figure 118. The spillage drag shown in Figure 118
represents the drag at mass flow ratios less than the
reference mass flow is shown in Figure 119. This reference
drag normally is included in the airplane drag.

Figures 121, 122, 123, 124 and 125 are included for the sake
of completeness only. Since no bypass or bleed are used,
the drag and mass flow of these items are zero fo'. all flight
conditions.

4.1.3 VARIABLE-GEOMETRY, FOUR-SHOCK INLETS

4.1.3.1 EXTERNAL COMPRESSION

The inlet geometry details are shown in Figure 137. The
inlet is designed to have shock-on-lip at Mach 2.5 but its
capture area is sized to match engine demand at Mach 2.2,
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Figure 128: Mo = 220, EXTERNAL COMPRESSION, VARIABLE GEOMETRY INLET
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36,089 feet altitude. The inlet is an external compression,
horizontal ramp design. It hIas internal boundary layer bleed
through a porous third ramp panel and a throat panel. The
bleed from each of these panels is collected in separate,
divided plenum compartments and then is exited overboard
through convergent nozzles provided by exit louvers. The
bleed flow is exited at an angle of 20 degrees relative to
the fuselage reference line. The inlet is oriented down at
an angle of 2 degrees relative to the F.R.P. so that the
initial fixed ramp angle of 4 degrees (relative to the F.R.P.)
will provide 6 degrees of compression at the +2 degrees
angle of attack flight attitude.

The first two ramps are fixed, but the third ramp and throat
panel are movable. This provides capability to vary shock
geometry and throat area. The maximum throat area corresponds
to A throat/Ac = .70. This is obtainable by collapsing the third

ramp to the 6-degree position.

A bypass system is provided forward of the engine entrance
to dump excess inlet air overboard. The bypass doors are
convergent-divergent nozzles provided by movable doors. The
bypass air is collected through porous material into a plenum
chamber surrounding the duct, then is exited through the doors.

To achieve high performance at takeoff (M = .20), either the
maximum throat area would have to be increased to 840
in 2 per engine (by further collapsing the ramps), or takeoff
doors of 112 in 2 per engine could be added.

The estimated inlet performance characteristics are presented
in Figures 138 through 150. The data are presented in the
format required by PITAP.

Figure 138 shows the variation of local inlet Mach number with
free-stream Mach number. For the horizontal ramp inlet location
ahead of the wing, it is assumed that local and free-stream Mach
numbers are the same.

Figure 139 presents the variation of inlet total pressure
recovery as a function of mass flow for a range of Mach numbers
from 0.60 to 2.50. These data are based largely on results
from previous wind tunnel tests conducted under Air Force
contracts.

Figures 140 and 141 show the variation of "recommended"
(Matched) pressure recovery and mass flow as a function of
free-stream Mach number. The inlet is designed to operate
at Mach 2.50, therefore the position of the initial ramp angle
was located so Lhat shocks would not be ingested at Macli 2.50.
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The size of the capture area was determined by the Mach 2.20
condition however, since matching the engine corrected
airflow demand at this point resulted in a larver capture V
area requirement. The result of these design .onstraints
is shown by the mass flow data of Figure 141. A fairly
large amount of airflow is spilled thru the oblique shock
system at Mach 2.20, while at Mach 2.50, a significant
amount of air must be bypassed. The required boundary layer
bleed flow is shown by the difference between the Ao /Ac and
the Ao/AC curves of Figure 141.

Figure 142 and 143 show the buzz and distortion limits which
are used by PITAP for this inlet design to indicate when inlet
operation is approaching a region of questionable engine
compatibility. These limits are based on the best available
data or estimates. They are not intended to represent exact
limits, but should be viewed aF indications that problems
ere likely to be encountered that should either be studied
in greater detail or avoided.

The nominal boundary layer bleed schedule is shown in
Figure 144 for the airflow schedule of Figure 141. Figure 145
presents the variation of inlet spillage drag as a function
of inlet mass flow ratio and local Mach number. The spillage
drag shown in the plot is the drag associated with the air
spilled externally due to operating at inlet mass flow ratios
less than the reference mass flow shown in Figure 147. The
spillage drag due to the spilled airflow at the reference
mass flow is shown in Figure 146. This part of the spillage
drag is norrally included in the airplane drag, according
to the boolkeeping system discussed in Section II of this
report.

Figures 148 and 149 present boundary layer bleed drag and
bypass drag as functions of bleed and bypass airfl[ow for a
range of local Mach numbers from 0.85 to 2.50.

Figure 150 presents bleed mass flow as a function of duct
mass flow,

A 0A
Ao/Ac; (Ao/AC = ENG + BYPASS

AC AC

Bypass mass flow is scheduled as a function of engine mass flow,
AOENG. This schedule has been selected to bypass the airflow

Ac

increment between engine demand and the nominal (A0 /AC)rec mass
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flow schedule shown in Figure 141. No bypass is used below

Mach 0.85, however, since it is less drag to spill the excess
airflow externally around the inlet.

4.1.3.2 MIXED-COMPRESSION

The inlet geometry is shown in Figure 153. A mixed compression,
horizontal ramp, two-dimensional variable geometry inlet
concept is used. The mixed compression inlet was selected
for the fighter/bomber mission instead of an external compres-
sion inlet because it offers the potential for higher pressure
recovery, lower drag, and better matching characteristics
for the sustained Mach 2.5 high speed flight condition. Also,
it does not have to meet the same requirements for extremelyct high maneuverability (high angles-of-attack) which would be
difficult to control for the mixed compression inlet. Boundary
layer bleed is accomplished by use of porous ramps, cowl,
and sideplates. Bleed air is collected in divided plenum
chambers behind the porous walls and is then dumped overboard
through choked convergent nozzles as near the plenum chamber
as possible. Divided plenums are used to provide optimum
bleed capability at lowest drag penalty. Movable ramp and
throat panels are used to achieve the best inlet geometry over
a wide range of flight Mach numbers.

A bypass system is also used (not shown ii! Figure 153) to
dump excess inlet air overboard and maintain the terminal
shock in its design location just downstream of the geometric
throat during started operation and just forward of the lip
during external compression operation (M > 2.0). Bypass doors
are assumed to be variable geometry C-D nozzles.

For takeoff and low speed operation, the ramp system is
collapsed to provide a maximum throat area equal to 0.765Ac.
Takeoff doors having a throat area equal to .12 A\ per
engine will also be required. These should be losated near
the aft end of the subsonic diffuser near the engine.

f The capture area size was determined by the engine maximum
airflow demand at Mach 2.20. The ramp geometry was selected
to provide shock on lip operation at Mach 2.60. This provides
a small margin for angle-of-attack transients and overspeed
at Mach 2.50.

The estimated inlet performrnce characteristics are presented
in Figures 154 through 167.

As shown in Figure 154, the local inlet Mach number was
assumed to be the same as free-stream.

Figure 155 shows the variations of total pressure recovery
with mass flow ratio used to obtain off-design matched
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performance. The data are presented for a range of Mach
numbers from 0.60 to 2.50. For the Mach 2.0 condition,
recovery-mass flow variations are presented for both external
c6mpression and mixed-compression operating modes.

Figures 156 and 157 present the nominal (engine-matched)
recovery and mass flow schedules as a function of Mach number.
These schedules are based on maximum engine airflow demand.

L Figure 157 also shows the inlet boundary layer bleed flow
required at each Mach number for the maximum airflow condition.
(This is also plotted in Figure 166). At other than maximum
airflow condition, the bleed airflow can be determined from
Figure 165 which shows bleed airflow as a function of duct
airflow.

Figures 158 and 159 show the estimated buzz and stall limits
used to indicate probable conditions where stability problems
are likely to be encountered. The inlet spillage drag is
presented in Figure 160. For the mixed compression mode (M0 >2),
the spillage drag is shown only as a function of Mach number,
since the inlet will be started and excess airflow will be
bypassed instead of spilled. The spillage drag shown in
Figure 160 for started operation (Mo> 2) is included in the
reference drag of Figure 161 and does not need to be included
separately in the engine-installed performance calculation.
For external compression mode operation, spillage drag is
presented as a function of both Mach number and inlet airflow
since internal spillage is possible in addition to bypassed
airflow.

The spillage drag presented in Figure 160 is the spillage
drag in excess of the reference drag shown in Figure 161
which is included in the aerodynamic drag polar, rather
than being included in the engine-installed thrust calculation.
This is in accordance with the bookkeeping system described
in Section iI.

The reference mass flow used to calculate the reference
spillage drag is presented in Figure 162.

Figures 163 and 164 present the performance maps used to
estimate boundary layer bleed drag and bypass drag as a
function of the amount of bleed or bypass airflow for each
Mach number. Although bypass drag data (as a function of
bypass airflow) are shown for M = 0.85, no bypass is used
below M = 1.20, because trade 2tudies for this configuration
showed that a higher drag penalty would be incurred by
bypassing air below MO =1.20 than by spilling it around the

inlet.
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Figure 167 presents the bypass airflow schedule used during
the performance calculation. Again, though, it should be
noted that no bypass is used below MO = 1.20, although thevariation for M0 = 1.0 is shown in the plotted data.

4.1.4 VARIABLE-GEOMETRY, MIXED-COMPRESSION INLETS

The inlet geometry details are shown in Figure 184. The inlet
is a mixed-compression type, with inlet "starting" occurring
at Mach 2.0. Below Mach 2.0, the inlet operates in the
external compression mode. Extensive boundary layer bleed
is used on the inlet internal ramps, sideplates, and cowl
to avoid problems with shock-boundary layer interactions.
Three separate plenum chambers are used for collecting tne
boundary layer bleed air before it is exited overboard through
choked convergent exit nozzles, The use of three separate
plenums makos it possible to operate with a relatively high
plenum pressure and hence, less drag.

The inlet ramp system is designed to provide shock-on-lip
operation at Mach 3.0. Approximately 1% supersonic spillage
is allowed to help insure that shocks are not ingested at
inadvertent overspeed conditions or transient angle-of-attack
maneuvers. Full sideplates are provided to minimize sideplate
spillage.

A variable bypass system is provided ahead of the engine to
bypass excess inlet airflow and help restart the inlet. The
maximum bypass door throat area is 0.50 AC. It is assumed
that a maximum inlet throat area equal to at least 0.70 AC
can be achieved by retracting the ramps. The requirement
for take-off doors to provide good recovery and low distortion
during take-off will be examined when engine airflow demand
characteristics are known.

The estimated inlet performance characteristics are shown
in Figures 185 through 198.

Figure 185 shows the variation of inlet local Mach number
with free-stream Mach number. Since the airplane design
was not available, it has been assumed that the local and
free-stream Mach numbers are the same.

The total pressure recovery versus mass flow plots presented
in Figure 186 have been estimated by using the test results
from XB-70, SST, Boeing in-house studies and tests and theory.
The recommended operating (match point) recovery and mass
flow as a function of free-stream Mach number are shown in
Figures 187 and 188, respectively.
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The buzz and distortion limits for the recovery versus mass
flow variations of Figure 186 were estimated to occur at the
mass flows shown in Figures 189 and 190.. These limits are
suitable for preliminary studies only, since they were
selected largely from engineering judgment, based on trends
in inlet buzz and distortion from past tests.

Figure 191 presents the estimated variation of spillage
drag as a function of mass flow ratio and local Mach number.
For the mixed-compression mode (M0 > 2) spillage drag is shown
as a function of Mach number only since it is assumed that that
the inlet will be started and external spillage will not vary
because the bypass system will handle the dumping of excess
inlet airflow.

The spillage drag data in Figure 191 are based on the inlet
reference mass flow ratio shown in Figure 193. The spillage
drag for inlet mass flow ratios at or above the reference
mass flow is shown in Figure 192. This part of ýhe spillage
drag is normally included in the airplane drag according to
the bookkeeping system discussed in Section II.

Figpres 194 and 195 show the variations of bleed and bypass
drag as functions of the amount of bleed and bypass airflow
for various free-stream Mach numbers.

Figure 196 presents the variation of inlet bleed as a function
of mass flow ratio for various local Mach numbers. The nominal
boundary layer bleed schedule at the recommended match points
as a function of Mach number is shown in Figure 197. The
bleed schedule above the "starting" Mach number of 2.0 remains
relatively constant during normal operation becaust- the bypass
system will keep the throat shock in the design location.

The bypass schedule is shown in Figure 198. It is scheduled
to bypass the difference between the engine demand and the
Ao/Ac schedule shown in Figure 188. No bypass is used below
MO = 0.85, however, since external spillage results in lesz drag.

The inlet performance characteristics can be modified a reasonable
amount in a direction to help match the engine airflow demand
after the engine demand is made available. Achieving the best
engine/inlet matching involves an iteration process between
engine manufacturer and inlet designer.
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