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THE MISSION OF AGARD 

The mission of AGARD is to bring together the leading personalities of the NATO nations in the fields of 
science and technology relating to aerospace for the following purposes: 

- Exchanging of scientific and technical information; 

- Continuously stimulating advances in the aerospace sciences relevant to strengthening the common defence 
posture; 

- Improving the co-opention among member nations in aerospace research and development; 

- Providing scientific and technical advice and assistance to the North Atlantic Military Committee in the 
field of aerospace research and development; 

- Rendering scientific and technical assistance, as requested, to other NATO bodies and to member nations 
in connection with research and development problems in the aerospace field; 

- Providing assistance to member nations for the purpose of increasing their scientific and technical potential; 

- Recommending effective ways for the member nations to use their research and development capabilities 
for the common benefit of the NATO community. 

The highest authority within AGARD is the National Delegates Board consisting of officially appointed senior 
representatives from each member nation. The mission of AGARD is carried out through the Panels which are 
composed of experts appointed by the National Delegates, tie Consultant and Exchange Program and the Aerospace 
Applications Studies Program. The results of AGARD work are reported tc the member nations and the NATO 
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PREFACE 

In .'972 an AGARD-VKI Lecture Series was held on "Aircraft Performance Prediction 
Methods and Optimization" (AGARD LS-56), which concentrated mainly on the prediction 
of aircraft range/radius, airfield and manoeuvre performance; aero-dynamic aspects were 
reviewed only briefly in the time then available. The Fluid Dynamics Panel of AGARD 
therefore recommended a complementary Lecture Series on "Prediction Methods for 
Aircraft Aerodynamic Characteristics". This LS-6 7 has again been co-sponsored by the 
Fluid Dynamics Panel and the von Karman Institute for Fluid Dynamics, and implemented 
by the Consultant and Exchange Programme of AGARD together with VKI. Professor John 
Sandford, the VKI Coordinator, warrants special mention for his technical assistance and 
local organisation of the Short Course, held at the VKi from 13 to 17 May, 1974. 

The aim here is to provide primarily an up-to-date account and authoritative appraisal 
of methods of prediction of aerodynamic characteristics for both combat and transport 
aircraft (excluding rotorcraft), over conditions ranging from low speeds (CTOL, RTOL, 
STOL) through subsonic/transonic to supersonic speeds (climb, cruise, manoeuvre, descent). 
Aircraft lift and drag estimation methods are analysed along with related aerodynamic 
optimisation techniques, taking into account practical methods for wing/ body aerodynamic 
design and boundary-layer flow treatments. The prediction and implications of special 
aerodynamic characteristics associated with engine installation and external store effects are 
examined, relevant stability/control needs are reviewed, and some aircraft noise restraints on 
aerodynamic design are noted. 

The nine main lecturers in particular deserve much appreciation for their extensive 
efforts and cooperation, in providing such valuable studies and preparir ■> such comprehen- 
sive lecture notes for advance publication. Finally, our acknowledgements are due to the 
official and private organisations through whose help and courtesy it was possible to offer 
appropriate technical experts as lecturers. 

John Williams 
Lecture Series Director 

December 1973 
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SEKERAL TECHNICAL INTRODUCTION 

by 

JOSH WILLIAMS 
(Lecture Series Director) 

1        ORIGIN AW) PURFOSE OF LBCTBtE SERIES 67 

In April 1972,  I had the privilege and pleasure of being Technical Director of the AGARD-VII Lecture 
Series entitled 

"Aircraft Performance - Prediction Methods and Optimisation"! 

Also subsequently of editing the lecture notes provided by the authors together with some additional 
'seminar' contributions, for publication as AGARD LS-56 (March 1973). 

The formulation and assessment of methods for the prediction and optimisation of the mission flight 
capabilities for both combat and transport aircraft, assuming known aircraft characteristics, were 
presented in the first three papers of LS-56s- 

(1) Range and Radius-of-Action Performance.     (R I Page, MOD(PE)/ut) 

(2) Airfield Performance (J Williams, KAE/ut) 

(3) Flight Manoeuvre and Climb Performance (H Friedel, Dornier/Germany). 

Related engine performance aspects and aircraft design synthesis considerations were then covered by two 
complementary papersi- 

(4) Engine Selection (J F Dugan, MASA/USA) 

(5) Parametric and Optimisation Techniques (R E Wallace, Boeings/USA) 

However, as regards methods for the estimation of airframe aerodynamic characteristics,  the time then 
available permitted only brief mention of some of the problem areas in the above five papers,  supplemented 
by a review of some fundamental aspects in a special paperi- 

(6) Aerodynamic Coefficients (C Lievens, STAe/France) 

Consequently, AGARD-VII agreed to arrange the present Lecture Series 67 (May 1974), devoted to methods 
for the prediction and optimisation of aerodynamic characteristics for the estimation and evaluation of 
the flight performance of combat and transport aircraft.    The treatments given are primarily illustrated 
in terms of the following applicationsi- 

Combat and Transport aircraft types with turbo-jet or turbo-fan engines; 

CTOL, RTOL *rd STOL modes of airfield operation; 

Transit Operational Conditions relating to climb, cruise, manoeuvre, loiter and descent rilevant 
to typical combat or transport missions; 

Airspeeds ranging from low to high subsonic and through transonic to supersonic, as appropriate. 

Naturally, much of the technical background is also of considerable interest for aircraft outside the 
foregoing spectrum, either with other modes of propulsion (eg propellers/rotors, rocket),  or with other 
modes of operation (eg VTOL, Hypersonic cruise), though any airframe characteristics particular to such 
modes are not dealt with specifically here. 

The major targets of the present lecture series might reasonably be summarised as follows, with specia 
reference of course to aircraft aerodynamic characteristics. 

(i)    To critically review available prediction/optimisation methods and associated aerodynamic data, 
particularly with a view to clarifying recent aerodynamic advances. 

(ii) To formulate more comprehensive frameworks for the analysis and synthesis of aerodynamic data, 
so that the latter can be more ve^dily apireciated and more readily applied for aircraft design 
purposes. 

(iii) To assess the major deficiencies in the state of knowledge on aerodynamic characteristics,  and 
to suggest appropriate aerodynamic research and development studies bearing in mind possible future 
aircraft requirements. 

(iv)    To indicate the most profitable steps towards complementary systematic utilisation of and 
further improvement of theoretical treatments, ground-based testing facilities and flight-testing 
techniques for the reliable prediction of aircraft aerodynamic characteristics. 

Obviously, it would be unrealistic for us to claim thai any of these goals could be achieved to our 
satisfaction by this lecture series alone.    However,  I hope that these published papers,  together with the 
supplementary contributions and seminar discussions, will provide * reasonably comprehensive basis, 
stimulate further evaluation of many of the issues raised, and encourage useful exchanges of relevant 
information and ideas. 

■Urn 
miTtnt-—^--'"'—«■"■-- 
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WEHALL TECHMICAL COMSTRAINTS ON PREDICTION 

Apert from the problems arising due to limitations of aerodynamic knowledge, as will be discussed in 
later papers, the aircraft engineer is continually faced with enormous difficulties in predicting and 
guaranteeing the aerodynamic characteristics of new projects to the definition levels and time-scales 
demanded, and of course in specifying optimum aircraft configurations. His problems are usually aggra- 
vated by a variety of complementary factors over which he may not have direct control. For example:- 

(i)  Estimates of performance, for conventional configurations at least, are usually expected to be 
given to much higb-r levels el accuracy and confidence than previously, to reduce any shortfall in 
ultimate aircraft performance and minimise development costs. 

(ii) Improvements in aircraft performance or mission effectiveness are invariably required, often 
with reduced or only small increase in operational costs, to ensure aircraft competitiveness on 
eitry into service «Lad throughout subsequent developments. 

(iii) There is often a tendency towards introducing a wider range of speed/altitude requirements 
for greater mission effectiveness or flexibility; thus the aircraft design cannot be biased so 
heavily towards one or two predominant aerodynamic conditions, or estimations for off-design 
conditions allowing extensive flow separations or/and severe shocks become important. 

(iv) From time-to-time, new engine/airframe concepts ha;-» to be explored and optimised, simul- 
taneously taking into account possible new operational capabilities and novel aircraft control 
techniques. Here, the possible significant errors in accuracy of prediction need to be well 
appreciated, particularly for comparative assessments with competitive conventional designs. 

(v) Leglislation becomes steadily more severe and complex towards ensuring greater environmental 
improvements (safety, noise, etc) which can apply extra constraints or imply extra guarantees. ■ 

(vi) The interplay between an increasingly large number of design parameters and diverse performance 
requirements necessitates careful and wide-ranging aerodynamic studies, not oily with a view to 
optimisation for operational cost effectiveness, but also in order to assess sensitivities to 
possible later deviations in practice from the original technical assumptions and the mission 
specification. 

(vii) Production demands for simplified aircraft componert shapes usually lead to complex airflow 
conditions at some part of the mission. Also the provision of acceptable airflow conditions over 
the mission usually requires complex tailoring of the aircraft configurations or sometimes more 
complex variable geometry, eg variable sweep as well as leading-edge and trailing-edge devices. 

(viii) It is invariably assumed that engine development or a new generation of engines can be relied 
on to provide significant improvements in aircraft performance. But these have to be ensured when 
the engine is integrated in the airframe - without unacceptable conflicting penalties on either the 
engine or airframe performance characteristics. In some cases variable geometry of the engine exits 
and/or intakes will be essential. 

This list does not represent more than a few of the general constraints and needs of project studies, but 
it is important that their existence and nature should be appreciated by the research worker desiring 
practical application of his results, not merely by those directly engaged on specific project estimates. 

3   PROJECT STAGES AMD PREDICTION METHODS 

The aerodynairic prediction and design capabilities which car. be exploited for aircraft project work will 
vary widely, according to the evolutionary or revolutionary nature of the particular aircraft project. 
For example, there will obviously be great differences in R & D time-scales and efforts required to 
produce reliable estimates for aircraft withi- 

an unconventional layout based on relatively new concepts and relying on substantial applications of 
new advanced technology, so as to ensure an outstanding step forward in operational capability; 

as compared with 

a more conventional layout »nd the employment of well-tried component design techniques, towards 
producing more quickly a more straightforward replacement aircraft with worthwhile but smaller 
advantages; or perhaps making use of advances in design technology only when improvements in 
overall economics rather than flight performance could be guaranteed. 

Practical methods for the prediction of aerodynamic characteristics often need to utilise simple analytical 
frameworks based on good aerodynamic understanding. These frameworks lead to formulae incorporating 
logical empirical factors, whose values are derived by correlation of available experimental data from 
model and full-scale tests, arid by interpretation of comprehensive theoretical treatments and computations 
for more idealised or special cases. Early on in the project studies, ab-initio predictions without 
special confirmatory experiments may have to be attempted. However, some experimental data (force 
measurements and corresponding flow conditions) should be made available as soon as possible on models 
partly representative of the configuration for whi h predictions have to be made. Then, the analytical 
framework and the associated formulae can be adjusted to fit the experimental results, taking into account 
differences between model and full-scale, in test configurations and in possible flow conditions. The 
importance of assessing possible aerodynamic prediction errors throughout, and of appreciating the 
possible sensitivity of aircraft performance estimates to these, cannot be overemphasised. Such, aspects 
will be raised »» appropriate in the subsequent papers. 

M--      -  ■ ■-■  —- ■--■ ■  



1-3 

The levels of sophistication and reliability of the prediction methodology needed will vary significantly 
also according to the stages reached in the development of the particular aircraft project and in the 
associated military or civil requirements.    For preciseness,  I shall refer here only to a few technical 
design stages and conveniently related milestones)    the choice and nomenclature should be regarded simply 
as a personal preference for the present discussion. 

First, a Feasibility Staae or exploratory design study period can follow directly as a response tc an 
outline operational requirement and market appraisal,  all of which should be accompanied or even preceded 
by an assessment of the status of relevant technology.    Quick approximate estimates,for a range of sketch- 
designs of the airccaft and often for wide-ranging parametric studies,are primarily needed during the 
feasibility stage.    Sometimes, generalised aerodynamic data from somewhat similar configurations may be 
available, or some crude models may be tested quickly.    Nevertheless, even at this stage, as later, 
progress towards a systematic and consistent approach for prediction should be attempted, which could be 
incorporated early on into computer programs for aircraft design and optimisation.    Also feasible 
aerodynamic targets and realistic contingency limits will need to be declared, for a variety of alterna- 
tive designs, including comparisons of possible developments of existing aircraft as well as completely 
new types. 

The results of such feasibility studies need to include not only comparison of technical solutions to 
meet the outline operational requirement and some variations, but also indications of relative time- 
scales and costs.    Thereby, the relative cost-effectiveness of alternative proposals can be assessed, to 
allow a full and relatively-firm version of the operational requirement to be formulated and issued by 
the appropriate customer. 

A Project Definition Stage can follow next, for detailed engineering studies on one or two projected 
aircraft types, whose main features have been agreed between the customer and the contractor against a 
full operational requirement.    These definitive project studies must examine in depth the vital charac- 
teristics and technical problems of the aircraft design, so as to reich a complete aircraft specification 
and provide detailed statements on performance, development and production time-scales, and costs.    Thus, 
during this project definition stage, all the major aerodynamic characteristics must be thoroughly 
investigated and any problems shown to be tractable within the allowable time-scale and costs.    The perfor- 
mance estimates must be continually refined and updated,  taking due account of the possible occurrence 
(or control) of degradations associated with practical aircraft design needs and with expected manufac- 
turing standards.    This process of thorough technical validation and carefully considered modifications 
requires intensive H k D work on selected main aspects, using models generally representative of the 
preferred designs for both experimental and theoretical investigations.    In particula; , areas of doubt 
in the analytical frameworks and in the formulae for the prediction of the aerodynamic characteristics 
must be clarified and quantified, or removed, while specific estimates must be substantiated for the 
performance of the aircraft major components ant> for the definitive aircraft as a whole. 

Such project definition studies should enable   a practical compromise to be decided on which is a near- 
optimum but retains some flexibility,  and a formal specification for the aircraft to be agreed, bearing 
in mind also any further operational and market developments which have arisen in the meantime.    The go- 
ahead for pre-production engineering development, at least as far as construction of the prototype batch, 
may then be given;    preferably with minimum risk as regards unforeseen changes in the operational require- 
ment, so as to preclude unaccounted delays and any major cost increases not associated with the original 
technical specification. 

During the Engineering Development Stage even more representative model studies should be undertaken, 
especially with a view to checks against the flight experiments on the prototype aircraft;    so as to 
ensure early rectification of any design defects and thereby expedite the final tailoring at full-scale, 
to meet or even surpass guaranteed performance predictions over the whole flight envelope.    Towards the 
end of this stage, at least, improved analytical frameworks and prediction formulae should be derived on 
the light of the whole R&D work to date.    These should be collocated to the measured prototype perfor- 
mance at carefully-selected and well-understood test conditions, with due allowance for possible errors 
in the measured test data.    Estimates of mean performances and tolerances for the production aircraft 
will now have to be declared,  ';aking into account the expected standards of production quality control. 
Moreover,  from ths R&D experience gained,  the project staff should have begun already to attempt 
confident predictions of worthwhile improvements  P«r later production batches, and to explore possibili- 
ties for future aircraft development;    naturally, taking advantage also of the results from the flight 
certification and clearance trials when available. 

4   TECHNICAL SCOPE 

The individual topics of this lecture series, on prediction methods for aircraft aerodyna-nic characteris- 
tics, could have been selected in a variety of ways and the choice provided an interesting mental exercise 
at the start.    The present arrangement seemed to offer a logical aerodynamic choice to cover reasonably 
the flight speed range and operational modes for both transport and combat aircraft.    Additionally,  it 
facilitated early agreement by some official and industrial establishments within NATO to provide 
acknowledged experts, not only with up-to-date special knowledge of their selected topic,  but also with 
considerable interest and experience in some of the others.    This should prove an extra asset for the two 
half-day discussion seminars arranged towards the middle and end of the week of lecture presentations. 
Indeed, we should express our appreciation to AGARD-VTI and to the contributing technical organisations, 
for meeting the demand to have eight appropriate lecturers attend from Europe and three from America. 

The first pair of Lectures (L.2 and L.3). directly following this introduction, are complementary in 
considering the prediction of aircraft aerodynamic characteristics at low flight speeds,  relating primarily 
to airfield performance for CTOL, RTOL and STOL operation.    For convenience of presentation,  the individual 
le:tures are divided as follows:- 

(L.2)    Low Speed with Hechanical High-'*t Devices (J 5 Callaghan, Douglas/USA) 
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(L.3)    LOW Speed with Powered Lift Systems (D N Foster, RAE/ttT) 

Some appreciation is needed at the outset of the most predominant aerodynamic coefficients, along with the 
significant levels of accuracy of prediction and production targets,  :n relation to the airfield perfor- 
mance capabilities required;    see AGARD LS-56, Paper 2.    This can be illustrated quickly though qualita- 
tively from typical first-order relations, here excluding thrust deflection considerations for simplicity, 
for some specific airfield performance capabilities such as the Take-off distance S_0, Climb-out angle Y-Q« 
Landing distance S  , and Approach speed V.. 

Thus:- * 

"TO 

'TO 

KT0 ■ fw/s) C/T) . WJ< 
(TA) - «y h)t 
KA- (w/sF WJ 2. 

h- W*) ■ VCJ- 
The values of the factors    I   can vary according to the class of aircraft (transport or combat),  their 
mode of operation (CTOL/RTOL or STOL) and the particular airfield environment;    while of course the 
installed thrust/weight ratio (l/v) and wing loading (w/s) will vary from aircraft to aircraft. 

However,  the sensitivities of airfield performance capabilities,  to the 'trimmed' aircraft values of the 
appropriate usable lift coefficient C,    (with adequate safety margins) and of the appropriate attainable 

lifV'drag ratio C,/CD, are clearly important.    For example, prediction errors (eg overestimation) of the 

values of these aerodynamic coefficients can lead to 'proportional' errors (eg degradation) of the 
corresponding airfield performance capabilities in practice;    or, alternatively, if the airfield perfor- 
mance has to be achieved without further aircraft modification,  then the allowable aircraft weights and 
hence disposable loads are modified (eg reduced).    The aircraft lift and drag coefficients at low speeds 
can also have much wider implications, as discussed later;    eg in respect of possible reduction of aircraft 
noise annoyance, and for search/rescue/loiter capabilities. 

The second pair of lectures (L.4 and L.5) are concerned primarily with the prediction of aircraft aero- 
dynamic characteristics for typical transit condit. ons at either subsonic or supersonic flight speeds. 

(L.4)   Subsonic Speed     - (G M Bowes, Boeing'/ USA) 

(L.5)   Supersonic Speed - (C S Lehman and T Markham, BAc/uk) 

As previously,  the significance of predominant aerodynanic coefficients in respect of relevant flight 
performance capabilities can again be illustrated quickly,  though only qualitatively, by inspection o£ 
'proportional' changes given by some simple first-order relations»    AGARP LS-56 (Papers 1 and 3) gives 
more elaborate formulae.    For example,  the Range factor dS/dW    and the Endurance factor dt/dV , ie the 
instantaneous rates of increase in still-air range   R    and endurance    t    with use of fuel weight V , are 
simplys- 

(ds/dvp * (i/w) . (v/c) . (cL/cD), 
(dt/dVF) . (1/W)  .   (1/c)  .   (C^); 

in steady level flight at aircraft weight V, airspeed V, and thrust specific fuel consumption c. More- 
over, especially for combat aircraft, there is a need to estimate and optimize the Specific Excess Power 
or the instantaneous rate of increase of energy height [h + (V^/2g)] with time. As a first approximation:- 

d[h + V2/2g)J/dt * V [(T/W) - (Cj/C^J 

Also, the attainable normal acceleration capability ng in steady horizontal turns can be given 
(without thrust limitation) bys- 

n * (Yp/2) (S/W) 
-Lu' 

where here C     must be limited to ensure ar adequate buffet margin at Mach number M ana atmosDheric 
pressure-height p. 

For these and many other relevant flight performance capabilities,  particular flight conditions may be 
prescribed (eg Mach number, altitude and temperature) or night profile optimization may be sought subject 
to certain Limiting constraints.     However,   from such simple relations,  the justification for improvements 
in and accurate predictions of at least C,/c„, C.    and C- under relevant aircraft performance conditions 
can again be broadly argued,    i envisage that the subsequent Lecturers will comment on and illustrate 
typical practi-al aspects, more specifically and in   more  depth with respect  to their own particular topics. 

It is important to recall at this stage that aerodynamic lift and drag predictions for practical aircraft 
cannot usually be divoiced fron examination of other aerodynamic characteristics;    such as those associated 
with stability and control, engine installation and external stores,  as will be discussed in later lectures. 
More generally, other aircraft design disciplines also cannot be ignored;    such as those associated with 
aeroelasticity, airworthiness, weight, complexity, overall cost-effectiveness and time-scales for develop- 
ment.    For example,  two of the classical  'Betes noires'  of project development are excess drag and weight 
growth, which in many respects can prove interdependent and of course are frequently subject to snowball 
(boule-de-neige) effects. 
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The third pair of Lectures  (L.6 and L.7) review in detail aerodynamic flov: prediction av. rubt'enic flight 
speedsi including consideration of conditions where local transonic flov« -an occur on tae airfrene 
surfaces i- 

(L.6)    Wing Aerodynamic Design Methods        -    (V Loeve, NLR/Netherlands) 

(L.7;    Boundary-Layer Calculation Methods -    (J Steinheuer, DFVLR/GermanyJ 

As regards supersonic flight speeds, it should be noted that relevant methods t'ir wing aerodynamic design 
and drag estimation are discussed in the earlier lecture L.5 by Leyman and Markham.    The petsntiiSlities 
and limitations of the treatments reviewed in relation to flight at either sibtonic or supersonic spewda 
should be well worth appreciation by aerodynamicists concerned with project development, a* v»H «  those 
interested primarily in research. 

The final trio of published lectures (L.3. L.9, L.lO) are devoted to three speci.il  topics,  eacsB of vfcicfi 
is sometimes treated perhaps too casually in early aerodynamic studies of basic yirframe performance, tut 
whose implications on aerodynamic performance predictions and design can be significant e-en at U» 
feasibility stage of project studies and over much of the flight envelope. 

(L.8)    Engin- Installation Aerodynamics (J Leynaert, ONERA/Prance); 

This lecture reviews techniques for the theoretical design, optimisation and experi»aital investlcatica 
of engine air-intakes, afterbodies and jet nozzles.    Special attention is given to tiis aeed for caref-iJ 
and consistent evaluation of thrust and drag terms,  and of the engine intake and exit flow cauMUon« 
which are directly relevant   to   prediction of engine performance characteristics (n? t thrust, st*«i.f ic 
fuel consumption, etc). 

(L.9)    External Store Aerodynamics  (J B Berry, ABA/"*)) 

This analyses the effects of external stores on the aerodynamic characteristics of sircraft, i^scunias '•" 
particular the prediction of incremental drag due to various practical types of store installation.     If 
should be emphasised that the drag contribution of installed external stores is usually signi/icajrt «n- 
often a limiting fi-tor in the performance of strike/fighter aircraft,  so reliable pfed.ction' ici y*tt-iwn 
means of reduction are clearly important even at the project feasibility stage. 

(L.10) Stability and Control Implications (J E Jenkins, VPAFB/USA); 

This should clarify the primary ways in which stability and control considerations car influence the 
aircraft design and performance predictions,  along with the possible trade-offs betv* _i inherent airframe 
characteristics and flight control system complexity (CCV aspects) for aircraft perfo.-Mance optimisation. 
Aerodynamic data prediction requirements from such stability and control viewpoints axic should be w>*:-'i- 

Tvo supplementary presentations (L.11  and L.12) already planned,  summaries of which are published here, 
take as their subjectss- 

(L.11)    Aircra»: Performance Considerations for Noise Reduction (,T Williams, L S Director); 

(L.12-)    Application of Ground Facilities for Flight Aerodynamic Performance Predictions 
(Ph Poisson-Cuinton,  ONERA/France). 

Other contributions from attendees are also welcomed,  as time permits,  to take advantage of any 
appropriate specialised knowledge. 

Most of the lectures published here contain extensive lists of reports for further reference on the parti- 
cular topics. At this stage, therefore, perhaps I need mention only three existing sets of papers also of 
general use for aerodynamic predictions. 

1) The Royal Aeronautical Society Data Sheets and Transonic Data Memoranda. 

2) Th-s USAF Stability and Control Dafrom. 
3) The AGARD Conf Proc 124 on 'Aerodynamic Drag'. 

>iü_-m 
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AERODYNAMIC PREDICTION METHODS FOR AIRCRAFT AT LOW SPEEDS 

WITH MECHANICAL HIGH LIFT DEVICES 

by 

J. G. Callaghan, Section Manager 

High Lift Technology Development, Aerodynamics Subdivision 

Douglas Aircraft Company, McDonnell Douglas Corporation 
3835 Lakewood Boulevard, Long Beach, California 90846 

1.0 SUMMARY 

Th= «ubject paper will discuss in some detail a survey of present methodology used for the esti- 

mation of low speed aerodynamic characteristics of aircraft with mechanical high lift systems. While this 

methodology is applicable to a large variety of aircraft with unpowered high lift systems, the emphasis 
will be on transport type aircraft. Prediction methods empirically derived from experimental data, as 

well as more sophisticated theoretical methods will be discussed. Correlations of calculated results with 
both wind tunnel and flight measurements will be presented. 

To place the current state of the art of methodology Into proper perspective, a critical review 

of areas of both strength and weakness will be presented, with emphasis on future requirements. Within 

this context, the particular need for methods to estimate the high lift characteristics of aircraft with 
thin, highly swept, low aspect ratio wings, such as supersonic transport configurations will be reviewed. 

2.0 INTRODUCTION 

The accurate estimation of the low speed aerodynamic characteristics of aircraft with mechanical 

high lift systems is dependent on a wide spectrum of methods ranging from sophisticated three-dimensional 
analytical tools to highly empirical formulations, and in some instances, to a total dependence on the wind 

tunnel. The ability to accurately estimate the low speed characteristics with an attendant high degree of 
confidence is fundamental to the success of any program involving the development of a new airplane. This 
Is manifest in two ways: firstly, if flight measurements reveal deficiencies relative to the guaranteed 

performance, costly flight development programs may result, and Indeed jay result in re-design and re-manu- 

facturing problems. Secondly, an established high degree of confidence in analytical estimation techniques 
reduces the dependence on extensive wind tunnel test programs. For typical jet transport aircraft, this 

testing will run into thousands of wind tunnel test hours (References 1 and 2).  Because of the limitations 
of estimation methods, testing to some extent will always be required because the aerodynamic character- 
istics must be established as thoroughly as possible before flight.  It Is, however, desirable to continue 

development of improved methodology, which departs from empiricism and approaches the problem from a more 
fundamental sense. This will invariably provide more firm guidelines for Improving the design of high lift 
systems. 

The high lift prediction methods to be discussed in the present paper are to a large extent those 

associated with predicting low speed characteristics of large transport aircraft, such as that shown in 

Figvre 1, as this represents the experience of the author and his colleagues.  Many of the methods, however, 
particularly the more fundamental ones, have applications to a wide variety of aircraft.  It is the intent 

of this paper to present a general assessment of prediction methods, rather than to provide a methods hand- 
book.  In particular, to the extent possible, these methods will represent the best available analytical 

tools in the present state-of-the-*rt, rather than the less rigorous methods sometimes used for advanced 

design trade studies. 

The characteristics whose estimation will be addressed tre those in the longitudinal mode "hich 

are required to determine takeoff, climbout, approach, and landing performance.  In general, the present 

state-of-the-art permits reasonably accurate estimation of the low speed characteristics, as nust be evi- 
denced in part by the many successful transport aircraft in service today.  There are, however, many char- 

acteristics which cannot be assessed by estimation methods and, therefore, require wind tunnel measurements. 

Fundamental to the ability of any method to accurately predict aerodynamic characteristics is 

the degree to which the flow over the appropriate geometry is analytically modele!.  The non-aerodynamic 
shapes which may be i.-itroauced by the deflection of the high lift system greatly compound this problem as 

is evidenced by the example of Figure 2. The flow can *>e analytically modeled to varying degrees within 

the present state-of-the-art tc a relatively high degree of accuracy in two dimensions and to a lesser 
extent in three dimensions. 

The type of methods generally available to estimate low speed aerodynamic characteristics can be 

roughly placed in four different categories: 

• Three-Dimensional Analytical Techniques - In general, the applicable three-dimensional methods 
are limited to estimating those characteristics wherein viscous consideration? are small, and 

are necessarily neglected.  These methods range from simple lifting line theories to more 

sophisticated lifting surface theories and to full lifting potential flow solutions.  Such 
methods find applicability in estimating lift and pitching moment characteristics in regions 

below the stall in the absence of flow separation. 

• Two-Dimenslonal Analytical Techniques - Highly sophisticated methods are within the state-of- 

the-art for calculating two-dimensional characteristics, including both potential flow and 

viscous flow solutions for multi-element airfoils of arbitrary shape. To a limited extent 
some techniques are available for.modeling separated flow regions.  In general, these methods 

depend on a certain degree of empiricism for adjusting the resulting two-dimensional section 



»l.ll^HWUI. .I«*" 

characteristic* to three dimensions. 

• Empirical Method* - Many characteristic« to be estimated, auch aa mmmimMm lift coefficient, 
do not preaently lend themselves to analytic treatment. In theae instances empirical tech- 
niques a»ist be utilized. In some cases there exists a theoretical baala for the empiricism 
and, indeed, in other instance* it la whatever aoeas to make the method work. 

e Experimental K»-hods - In many instances there are not even suitable empirical relationships 
for estimating certain characteristics. In which caae the wind tunnel must be utilised. Typi- 
cal of the** pro lie* area* are the estimation of drag increments for high lift devices, and 
Interference efficts. 

The shortcoming of empirical technique* ia primarily that they are limited to providing character- 
istics only for those geometries upon which the empiricism la baaed. This introduces possible error* for 
new geometries which depart from the empirical baae. An additional deficiency of empirical techniques is 
that they may not neaaarily ontrlbute to a more fundamental understanding of the aaaoclcted flow phenom- 
enon, and subsequently to Improved designs. A shortcoming exists even with more sophisticated empirical 
methods In that the estimation of certain characteristics, auch aa maximum lift with high lift devices 
extended relies on a component buildup which docs not allow for possible interference effects between 
components. 

In the procesa of estimating aerodynamic characteristics, one find* a wide variety of methoda 
available. In the selection of an appropriate lifting aurface theory, for example, there are those formu- 
lated by Woodward, Giesing, Lamar and Margason, and Martin (References 3 thru 6 respec tvely). A similar 
situatic: exiata in two-dimensional method* for multi-element airfoils such aa those by Bhateley, Goradia, 
and Callaghan and Beatty (References 7, 8, and 9). All of case clearly have their advantages and their 
limitations. The particular ones addreaaad In the subsequent discussion reflect the experience of the 
authoi and his colleagues at the Douglas Aircraft Company; similar applications of rhese various methods 
beyond this experience could be and, indeed, probably have been made. 

Tn the ensuing discussion certain of the methods will be referred to several times, in that they 
have application in many areas. For example, in the instance of the Giesing vortex lattice lifting surface 
theory, this program finds application in determining lift curve slope, lift Increment due to flap deflec- 
tion, span load distribution, and pitching moment characteristics. In other Instances wherein methods have 
limited application, or in fa'Jt where no methods exist, little can be aald. 

The methods to be addreaeed are those which are appllcabl to the estimation of '.1ft and drag 
characteristics for e complete airplane configuration with leading and trailing edge devi-ee extended. 
Me'Jiods for estimating pitching moment characteristics will %lao be discussed in that the resulting trim 
effects must be considered a* to their impact on lift and drag. 

In order to appreciate the significance of the various characteristics whose estimation will be 
discussed, some review of the pertinent airplane performance characteristics will be beneficial st this 
point.  Figure 3 present* a schematic of a representative takeoff profile aa dictated by Federal Aviation 
Agency requirements. Certain speeds of significance are indicated in the figure and are defined below. 

The rotation speed, VR, ia the speed at which the pilot begins to rotste the aircraft to attain 
the liftoff attitude and must not be less than 51 above the air minimum control speed, VMC. The letter 
speed is determined by the minimum speed et which directional control can be maintained in the event of 
failure of the most critical engine. The liftoff speed, VL0, is the speed at which the airplane becomes 
completely airborne and must be at leaat 51 ibove the minimum unstick speed. The minimum unstick speed, 
VJ_J, is the minimum speed that the aircraft can be made to liftoff without hazard and continue takeoff. 
This speed is determine', by flight tests aa shown in Figure A. The takeoff aafety apeed, V,, must not 
be less than 1.2 times the atall speed, Vc, or less than 1.1 times the minimum control speed; the V2 
speed is necessarily at least aa fast aa the VL0 speed and ia, therefore, at leaat 51 above the minimum 
unstick speed.  Further, the  Vj speed must be such that a minimum climb gradient (approximately 32 
depending on the number of engines) can be maintained in the event of engine failure. 

These speeds and the resulting takeoff field length are directly related to the lift coefficient 
attainable at a given attitude, and to the maximum lift coefficient.  The climb gradient is strongly depen- 
dent on the lift-wO-drag ratio in the climbout configuration. 

The takeoff field length is determined by several criteria, one of which is shown in Figure 3. 
This is the so called critical engine out takeoff distance which is the dlstsnce from start of takeoff to 
a point 35 feet above the runway at the V'2 speed, assuming an engine failure to be recognized at the 
decision speed, V,. 

A representative takeoff field length performance plot is shown in Figure 5 for an airplane in 
the 500,000 lb. takeoff gross weight class; the increase in slope at the higher groas weight results from 
the second segment limiting weight.  For a given thrust level (T), the gross weight (W) is reached beyond 
which the required engine-out climb gradient cannot be met; in order to increase the takeoff gross weight, 
the lift-to-drag ratio (L/D) -■'.r  be increaaed. This can be brought about by a reduction in flap setting 
which will have an attendant lift inefficient decrease which results in some increase in field length. 
The sensitivity of field length to lift coefficient c.-n be seen in the figure; for the range of gross 
weights which sre not second segnent limited, the change in field length Is directly related to lift coef- 
ficient.  This follows from consideration of the generalized takeoff parameter: 

,r      (W/S)     1 
'[(T/W) B CLJ takeoff field length    - 

where    S, p,    and    C^    are wing area, density, and lift  coefficient  respectively. 

For example,   for a 10,000-foot field length,  a four percent  increase in    C^i^y    1* worth a 400- 
foot reduction in field length.    This may seem like a  relatively insignificant changefn performance. 

    ■ 
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If viswed fro« the standpoint of weight, the lapact Is nor« significant. For this find field 
length, th« 4Z improvement In mlM lift coefficient lncreaeee the takeoff gross weight by 10,000 pounds, 
which Is equivalent to about fifty passengers 1 In the region where the airplane has become second segment 
Halted, the performance la basically Insensitive to a CL change. This results fro« the Halting region 
being basically an envelope; any Increase In 
the second segasnt constraint 

CL would result In a decrease In I./0, which would violate 

The sensitivity of the takeoff performance to drag la shown In Figure 6, again for an airplane 
In the 500,000 pound takeoff gross weight class. For the weight region wherein the airplane is not climb 
gradient Halted, the field length is relatively Insensitive to changes In drag. However, there Is an 
extreme sensitivity once the configuration becomes gradient limited. The climb gradient y  la 

1 
Uo 

and la on the order of 3Z for a one-engine out configuration.    In the non-Halting weight region, !> Jl* 
Increase In drag la equivalent to roughly 5,000 pounds (23 passengers)  for s fixed field length, 
second segment Halted condition,  this increase in drag could be equivalent to as much as 20,000 or 
roughly 100 passengers. 

Examination of the landing performance reveals a similar picture In that landing field length 
sensitivity la directly related to    CL    changes.    The sensitivity to drag la quite small unless the air- 
plane Is Halted by approach climb requirements which Is a go-around requirement with all engines operating. 
For most transport aircraft,  this Is generally not a limiting condition. 

Another important airplane paraaeter which can be quite sensitive to the aerodynamic character- 
istics Is that of noise during takeoff and landing.    Basically there are three requirements to be met: 

e    Sideline Noise - Measured on the ground approximately one quarter alle from the centerllne 
of the takeoff path. 

e    Takeoff Noise - Measured 3.3 nautical alles froa brake releaae, which aay Include a throttle 
cut prior to this point provided minimum altitude and climb gradient requireaents can be net. 

e    Landing Noise - Meaaured on approach with the airplane In the landing configuration on a 3* 
glide slope approximately 400 feet In the air. 

The permissible noise levels for these various criteria are dependent oi  the gross weight of the 
airplane but cannot exceed 108 EFNdB.    The noise level is directly related to the thrust of the engines, 
which is In turn related to the drag level of the aircraft.    There Is, however, s noise floor, which Is 
established by the basic power-off aerodynamic noise of the vehicle.    This aerodynamic noiae floor Is 
below the noise level of current large transport aircraft.    The sensitivity of noise to drag character- 
istics can be seen in Figure 7 for a representative approach condition with the airplane in the landing 
configuration.    For this particular geometry, approximately three percent of airplane drag is equivalent 
to one EFNdB. 

Consideration of the above discussion indicates a strong 
foraance to the pertinent lift and drag characteristics. In order 
desirable to provide estimates of aerodynamic characteristics that 
order of one percent. With these demands on accuracy, one la then 
estimation methods which the present state-of-the-art will permit, 
methods Insofar as the prediction of the lift, drag, and pitching 
the determination of takeoff and landing performance. 

sensitivity of takeoff and landing per- 
to meet performance guarantees, it is 
have a tolerance level that Is on ths 
faced with applying the most sophisticated 

The ensuing discussion will review these 
moment characteristics are necessary for 

The special problems of determining characteristics from v.'md tunnel and flight measurements will 
also be addressed.   In addition, some discussion will prescht the correlation between estimated characteristics 
and flight measurements, and the correlation between wind tunnel characteristics and flight measurements. 

Finally, an assessment of the present stste-of-the-srt will be made to review those sraas where 
particular development work is required.    Some assessment will also be made of the particular problems 
associated with estimating characteristics for highly swept, low aspect ratio,  thin icings such as those on 
supersonic transport configurations.    A review of the promising  theoretical techniques presently under 
development for application in addressing the full three-dimensional viscous problem will be addressed. 

It is  to be noted that  throughout the discussion of the various aerodynamic prediction methods, 
the use of the terminology "lift",  "drag", and "pitching moment" will,  for convenience, be used interchange- 
ably with "lift coefficient",   "drag coefficient",  and "pitching moment coefficient",  respectively.     Further, 
lover caae letters will be utilized to designate section characteristics,  and upper cat    letters will be 
utilized to designate three dimensional characterietics. 

3.0    AERODYNAMIC PREDICTION METHODS 

3.1 Lift Characteristics 

It can be stated that the estimation of lift characterietics do,  in gencrel, lend themselves 
better to analytic  treatment  than the drag characteristics.     In general,   for transport aircraft,  the drag 
forces are an order of magnitude smaller than ehe lift,  in that one is dealing with lift-to-drag ratioa on 
the order of ten.    The verlous strong three dimensional analytical  methods which are available provide good 
accuracy  in region* where viscous effects do not dominate the flow field.    The analytical  techniques avail- 
able for estimation which Include viscous effects are generally restricted to  two-dimensional  unseparated 
flows, with empiricism required for adjusting to three dimensions,  though certain three dimensional approaches 
under development appear promising and will be discussed at the close of  the paper.    However,  in the case of 
maximum lift,  empirical  techniques must be utilized. 
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3.1.1 Lift Curve Slop« 

Lift curv« slop« aay b« determined fro« empirical relationships, or sort desirably from appro- 

priate lifting surfac* theories. The empirical relationships require a knowledge of the defining airfoil 
section properties; these «action properties. In turn, aay be determined froa empirical relationships or 

from sophisticated two-dimenelonal potential flow and viscous solutions. The theoretical section lift 
curve alope, C\a,    aay be determined froa the relationship given In Reference 10: 

clo - 6.28 + ^M-jKl ♦ .00375 t^J (per radian) 

where ♦_ Is the total trailing edge angle in degrees and t/c is the airfoil thickness-to-chord rstio. 
The theoretical lift curve slope is shown In Figure 8; eince this level is relatively insensitive to trail- 
ing edge angle, a value of 20*, representing the upper limit of the method was used for the slope shown in 

Figure 8. Viscous effects will bring about a reduction in lift curve slope relative to this theoretical 

level. This results froa the decaaberlng effect due to the presence of the boundary layer displacement 
thickness. As obtained froa Reference 10, this viscous effect has been correlated with Reynolds number and 

trailing edge angle and is shown in Figure 8. 

A much greater degree of accuracy in determining aectlon characteristics can be obtained by the 

application of sophisticated potential flow solutions of the type deacrlbed in References 7, 8, end 9. The 
theoretical method described In Reference 9 can compute the high lift characteristics of multi-element air- 

tolla of arbitrary shape operating in a viscous incompressible fluid in the absence of flow separation. 
This approach combines s geometry definition routine, s potential flow solution based on a aurface source 
distribution, and a finite-difference boundary layer routine to accomplish the analysis. The geometry 

routine smooths and spaces the body coordinates for input to the potentlel flow program. The boundary 
layer characteristics are then calculated froa the resulting potential flow pressure distribution and an 
equivalent inviscid body is formed by the addition of the boundary layer displacement thickness to the 

original body. These coordinates are then used to calculate a new pressure distribution for the equivalent 

body. This process is repeated until convergence la achieved. Experience has shown that satisfactory con- 
vergence can be achieved after two or three Iterations. Figure 9 illustrates the computational proceea. 
A representative pressure distribution calculated by this method la coapared to an experimentally measured 

one in Figure 10 at an angle of attack of 10*. The corresponding lift curve, for both the inviscid and the 
viscous solution is presented in Figure 11. As can be seen, the viscous solution Is in very close agree- 
ment with the experimentally measured value in terms of both angle of sero lift and lift curve alope, until 

cloee to stall. It la significant that for this case, only one iteration waa required, that ia, two poten- 
tial flow solutions snd one boundary layer solution. 

The section lift characteristics, derived by either the empirical relationship, or more sophisti- 
cated solutions may be corrected to three dimensions by the method given in Reference 10. For atraight 

tapered wings, this three dimensional correction is presented in Figure 12 aa a function of wing aspect 
rstio, midchord sweep angle. Nach number, and section lift curve slope. 

In contrast to techniques for calculating lift curve slope which rely on empiricism and on a 
knowledge rjf the defining elrfo.H characteristics, sre the various available lifting surfsce theories, 

(Reference!' 3, 4, S, snd 6). The vortex lattice approach of Reference 4 represents the wing by s network 

of small horseshoe vortices distributed in both chordwiss and spenwlse directions. The strengths of the 
individual vortic«« are determined by applying the wing boundary condition at aa many points on the wing 

as there are vortices. A system of simultaneous equations la then solved to determine the horaeahoc-vortex 
strength. The fuselage la represented by a line of doublets on the fuselage axis snd s non-planar doublet 
sheet to represent the wing image ayetem, with ths boundary condition being that the flow does not pene- 

trate the fuselage aurface. The ability of this type of lifting surfsce theory to accurately describe lift 
characteristics Is shown in Figure 13, which presents s correlation of the calculated and experimentally 
measured span loading In the presence of wing mounted nacelles and external flap hinge fairings for s 35* 
swept wing-fuselage combination. 

Comparisons of lift curves as calculated by the referenced method with experimentally measured 
values are presented in Figures 14 and 15 for the DC-9 and DC-10 airplanes respectively. The rether close 
agreement In both caaaa between experimental and calculated values Is somewhat remarkable.  This results 

from two sinpllflcatlona in ths approach which are coapenaating to a certain degree. The neglect of any 

viscous effects in the analysis tends to over-predict the lift curve slope, ss previously mentioned in the 
discussion on section characteristics.  Conversely, ths exclusion of thickness effects tends to underpredict 

the lift curve slope. The contribution of the fuselage to the lift curve slope is shown in Figure 15; 
excluding the fuselage lift underpiedicts the total level by a significant amount. 

3.1.2 Clean Wing Maximum Lift 

Ths basic approach to the estimation of airplane maximum lift with high lift devices deflected 

la a linear buildup of the maximum lift for the clean wing and of the Increments of maximum lift due to 
the leading and trailing edge high lift devlcea. The determination of cleen wing maximum lift coefficient 

is dependent on s knowledge of the spanwiae lift characteristics of the cleen wing and of the maximum lift 

of the various airfoil sections which define the wing. The general procedure for calculating wing CLUIV 

1." predicated on the assumption that when any given aectlon first reeches Its section maximum lift coet-^ 

flclent, the complete wing has reached CLHAJ.  
Thi* *■*  basically a practical definition, in that -mce any 

single section has stalled, the subsequent flow seperetion spreada and the wing loaea its usefulness a*  s 
lifting surface (Reference 11). This approach waa originally intended to epply to unswept wings, but hss 
been carried through to application to wings with modsrste sweep. Clearly a point is reached foi highly 
ewept wings, particularly with low thickness ratios when this approach can no longer be applicable. 

A variety of epproachee exiats for estimating the vsluaa of aectlon maximum lift coefficient for 
defining airfoils.  The optimum approach ia to have two-dimensional wind tunnel test data available for 

the dealred sections. This is, of courss, not always possible. There sre ssvcrsl empirical approaches 

which provide varying degrees of sccurscy.  In addition, soae promising spprosches to analytically calculating 

—■■■, 
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«action Ci    will be reviewed. 

The first method to be considered is that of Loftln (Reference 12). Perhaps the best overview 
regarding thla msthod is Loftin's own comment ".... an approximate method for estimating the effect of air- 
foil section on the maximum lift coefficient has been developed. It should perhaps be pointed out in the 
beginning that thla method most certainly cannot be Justified from first principles; however, it did seem 
to offer at least a  rough guide to the manner in which a thin airfoil should be designed to give a high 
maximum lift coefficient." Loftln nssuaed that at a sectlo-i lift coefficient, c\,    of 0.1 less than 
cl_-_> Cha boundary layer separation point was between the 90Z and 1001 chord stations. The value of the 
parameter (Pj - t\>l^\t    where P^ la the minimum pressure near the leading edge, P2 is the pressure 
at tie 90Z chord station, and q, is the dynamic pressure at the peak evaluate» at cj • (c\        - 0.1) 
was taken to be indicative of critical conditions necessary fo.- the complete separation corresponding to 
maximum lift. The correlation was carried out for conventional NACA airfoils based on Theodorsen potential 
flow pressures and experimental ~,\ test date. The critical value of the parameter was determired to 
be 0.885 for values of C\   •- i.S™äs shown by the data of Figure 16. 

It is emphasized that the application oi  Loftln's approach is limited to moderately thin airfoils 
exhibiting leading edge stall, with nomlnaJ. or preferably no trailing edge separation. Misapplication of 
Lof tin's criterion may result in significant errors lc sj    «atlaation as Indicated in Figure 17, As 
can be seen, this approach works reasonably well for thickutss ratios up to about ten percent, but departs 
substantially from the cast data for the thicker sections. 

A second, more flexible, empirical method la that of the USAF stability and control DATC0H 
(Reference 10). In DATCOH, the section c\ is determined by use of the relationship: 

c\        » (ci  ).   + A.Ci   + A-ci   + A.ci 
'max    'max base   1 'max   2 'max   J 'max 

where (*!__)_    *■ tn* baelc uncambered airfoil ci    at R^ ■ 9 x 106, and Aj, ij, and 4j are 
c\ corrections for camber, thickness, and Reynolds number, respectively. 

The various components of c\ sre presented as functions of a parameter AY which is the 
difference In ordinäres (Z chord) of the*upper surface of an airfoil between the 0.15Z and 6Z chord stations. 
Moreover, AY is based on the uncambered airfoil having the same thickness distribution as the airfoil 
under consideration. The accuracy of this method may be assessed by examining Figure 18 which correlates 
calculated and experimental c\ values for t wide range of airfoils. 

More sophisticated analytical methods are currently under development which show considerable 
promise of addressing the problem in a more fundamental manner. One auch approach Is presented in Refer- 
ence 13, based on s so-called "free-streamline" approach. In this method, the separation point on the 
upper surface Is determined by a suitable boundary layer routine operating on a velocity distribution which 
has been corrected for viscous effects. Vortices are distributed around the airfoil surface except In the 
region between the upper surface separation point and the trailing edge. A single source is used Inside 
the body to give an outflow in the separated region producing a free streamline. The Kutta condition is 
then aatisfied by forcing the pressures to be equal at the lower surface trailing edge and the upper sur- 
face separation point. A ssaple calculation for c\ from this reference is presented in Figure 19; 
while there is a well defined break in the lift curvewhlch Is In agreement with the experimental value of 
C)  , the analytical solution shows a continuing increase in lift efter thia break. 

A second analytical method Is that developed by Jacob (Reference 14) and later modified by Beatty 
'Reference 15). Thia method simulates the airfoil by t distribution of vorticea around the surfsce contour. 
A separation point is chosen and an angle of attack assumed.  From the separation point to the trailing edge, 
a iiource distribution is placed which emits flow and thus simulates the asperated region shape aa shown In 
Figure 20. The edge of this region is determined by using s streamline analysis and satisfying the boundary 
condition of constant pressure at points. A, B, and C. From this model a pressure distribution is generated 
which is then analyzed by an appropriate boundary layer routine. If the boundary layer routine predicts 
separation ct the assumed separation location then the cue Is done. If, however, separation is calculated 
either before or after the assumed separation point, then the angle of attack la changed and a new pressure 
distribution generated. Thla procedure Is repeated until an angle Is found which will move the calculated 
separation point to the same location aa the assumed separation point. The applicability of thla method 
can be seen from the lift curve in Figure 21; while the calculated value la approximately eight percent 
higher thai the experimental value, a very definite round-over in the lift curve is evident. 

Given that the section maximum lift coefficients for t^e defining airfoils sre determined by an 
appropriate method, an accurate knowledge of the spanwlse lift distribution is then required. Historically, 
the ability to calculate span loading haa een limited co simple lifting line concepts, wherein the wing 
lift is considered to be concentrated in a k*%l« lifting line at the wing quarter chord, and requires that 
the Induced local flow be parallel to the local chord at a specified location, usually chosen aa the three- 
quarter chord Una.  Lifting line theories can. In fact, provide a good description of span loading for 
wings of moderate sweep and aspect ratio. The main shortcoming of the lifting line approach Is the inability 
to accurately simulate highly cambered wings, such aa thoae with trailing edge flaps deflected. These pro- 
blems have been overcome to a considerable extent with so called lifting surface theories surh as the vortex 
lattice theory discussed in some detail In the previous section. 

Given the spanwlse lift distribution, the wing maximum lift la then determined to the first order 
by the section maximum lift characteristics of the defining airfoils. The wing maximum lift coefficient is 
that value at which the local lift coefficient at any point along the span first reaches the value of the 
section maximum Lift coefficient along the span. 

It la again emphasized that thia approach la basically sound for unswept wings snd loses ' lidlty 
aa sweep la increased. Thla is complicated by strong Induced casber effects slong the spsn; the It, .uced 
effects tend to Increase the effective camber Inboard, and decrease it outboard, with a resulting departure 
from two-dlmenaioual characteristics on more highly swept wings. A strong sdditlonal complicating factor 

■  ii ■          ,    
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It eh« effect of the spanwise gradient on the boundary layer. The addition of ..acellcs, pylons, and plan- 
form dlacontinultlea can alao change the  -iracterlstice from thoae predicted. 

Is apite of all the oetenelble ahortcoalnga of thia approach to estimating maxluum lift, experi- 
ence has ahovn that for configurations with »»derate sweep, it does in fact work quite well. Figure 22 
Illustrates the application of the method for calculating the maximum lift coefficient of a wing-fuselage 
combination with a 24* swept wing. The section maximum lift characteristics were calculated by the method 
of Reference 12 Indicating a total wing Cj^- of 1.51. This compares favorably with a wind tunnel 
measured value of 1.5. Figure 23 illustrates the application of the method for calculating the maximum 
lift coefficient of a wing-fueelage combination with a 35* swept wing, The section «axiauo lift character- 
istics ware calculated for the defining airfoil sections by the method of Reference 10 for a free stream 
Reynolds number of 6 x 10* par foot. The local spanvise lift first achieves maximum lift at a total wing 

of 1.26. The measured Ci 
LMAX 

for the configuration was 1.25. 

3.1.3   Lift Increment at Low Angle of Attack due to Trailing Edge Flaps 

The increment in lift at low angles due to the deflection of trailing edge flaps, AC;■   ,    soue- 
timea referred ,o aa flap effectiveness, is dependent on thi section lift Increment due tc flap deflection, 
as determined by most methodologies. As will be discussed subsequently, lifting surface theories can be 
applied to deter tine flap effectiveness for moderate flap deflections. 

The method of Reference 16 relies on a knowledge of the section flap effectiveness, and is given 

ACLF «   S) 
a6 

a« •U 
«b 

where 
Acif 

<*t 

6  c, 

la the section lift in<—ement due to flap deflection. 

is the lift-curve slope of the unflapped wing. 

la the section lift-curve slope of the basic airfoil. 

la the ritlo of the three-dimensional flap-effectiveness parameter to the two-dimensional 
flap-effectiveness parameter, obtained from Figure 24 aa a function of wing aspect ratio 
and the theoretical value of    (aj)    .    The theoretical value of    (oj)        is obtained 
from the Inset chart of the figure^and la a function of flap chord ratio,    c*/c. 

la the flap-span factor obtained from Figure 25. 
expressed as a fraction of wing seal-span. 

(Note: n Is the flap apan atatlon 

A variety of ways exist for determining the section lift increment due to flap deflection, 
ence 10 provides the relationship 

Ac 

Refer- 

lf" " c»o a* *t 

where    ci      and   o,    are as defined previously and    6,    la the flap deflection.    The change in angle due to 
flap deflection parameter,    Oj,    is giver, in Reference 10 for e variety of flap configurations, all empiri- 
cally derived from experimental data.    In general, this approach provides an accurate description of flap 
effectiveness wnen combined with the three-dimensional relationship.    As obtained from Reference 10,  the 
agreement between calculated and experimentally measured flap effectiveness is seen to be reasonably good, 
as shown in Figure 26. 

The limitation of the empirical approach described above is that the finer details of the flap 
geometry cannot be taken into consideration.    This shortcoming can bi- circumvented by the availability of 
two-dimensional wind tunne)  data for the appropriate flap geometry, or by the application of sophisticated 
two-dimensional potential  flow ami boundary layer solutions such as that of Reference 9 aa previously dis- 
cussed.    The sblllty of such a program to accurately describe the flow characteristics over arbitrary multi- 
element airfoils la shown In Figure 27 for a slatted airfoil with and without, a double slotted trailing edge 
flap.    Aa addressed to  the particular problem of determining flap effectiveness,   the purely lnviacld solution 
mey be applied up to moderate flap deflections to provide a very accurate  representation of aection flap 
effectiveness.    Thia can be aeen in Figure 28 which compares the potential flow solution flap effectiveness 
with t«o-dimenaienai experimental values for three different double alotted flap geometries.    At the higher 
flap deflections,  the viscous effects becosse »ore predoalnwst resulting In an optimistic prediction of flap 
effectiveness,     iterating on the boundsty layer solution would reault in closer agreement with the experi- 
mental values.    At the lower flap deflect!;»», while th« viscous effects sre significant with regard to 
absolute level of lift,  they are of second order effect with regard to a difference In lift, auch aa the 
case of flap lift increment. 

The application of lifting surface theories can to cany Instances provide a good direct estimate 
of three-dimensional flap effectiveness.    Such en »*pro»u!> cannot, of course,  consider the mutual inter- 
ference effects of .<■ multi-eleaenit flap, or the viscous and thic.kne.is efiecte; however, a careful tailoring 
of the camber distribution used in s lifting eurfece theory to represent tSe actual flap can «.ive a good 
measur« of flap effectiveness vhsn the section properties ate not known a priori.    The Ciealng vortex lat- 
tice lifting surface theory  (Reference *)  calculation« of flap effectiveness \t* compared in Figure 29 to 
the experimentally measured «*lues for the DC-9 airplane,  end in Figure 30 for the DC-10 airplane indicating 
good agreement, 

3.1.* HaxlwtnB Lift Increment due to Trailing Edge Flays 

The estimation of the »axies«*. litt increment due to trailing edge flap deflection la baaed on 
purely empirical approaches.    The additional lilt increment at angles of attack prior to atall brought about 
by the increase in caaber du« to trailing edge flaps is readily araersabie to analytic treatment until viscous 

.... ... j. .. _-.  1r ..,.*.. _ aast 
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effects dominate the flow as Is the cue at maximum lift. The addition of trailing edge flape alters the 
pressure distribution over an airfoil r,o the extent that for a given level of lift, the leading edge is 
unloaded, and the aft section loading is Increased, relative to the unflapped airfoil. The maximum lift 
then occurs when the leading edge become» loaded to the extent that flow separation occurs there, o- when 
the adverse pressure gradient on the flap itself becomes too severe for negotiation by the boundary layer. 

To analytically address this problem la difficult enough for two-diaensioial sections. Present 
two-dimensional boundary layer techniques can accurately predict the flow separation point on the multi- 
element airfoils given a good description of the potential flow (Reference 9), provided that the viscous 
flow over a given element la not Influenced by the merging of wakes from forward elements. This in Itself 
is not adequate to estimate the maximum lift for airfoils with multi-element high lift systems. The sepa- 
rated wake flow must be analytically modeled so that, as the separation progreases, the lift can be calcu- 
lated to the paint that it no longer Increases with angle of attack. As previously discussed, some wäke 
modeling methods have been developed for single element airfoils which appear promising. At present, how- 
ever, this type of approach for multi-element airfoils is at best in the embryonic stage. These problems 
are greatly complicated by three-dimensional effects. Ho techniques presently exist for calculating flow 
characteristics over swept wings with multi-element high lift systems exhibiting separated flow. 

For these reasons the calculation of flap maximum lift increment depends entirely on empirical 
techniques, which in turn depend on a knowledge of the two-dimensional section characteristics with flaps 
deflected. The one general method In widespread usage is that of Reference 10. This empirical relation- 
ship provides the section maximum lift increment 4ci    for plain, split, and alotted flaps as 

«W  ■  Wa (ic»»4 base 

.base 
Is the section maximum lift increment for a 25-percent chord flap and is r.epsndent on 

and K* account for the 
where   AC1BM ^ 
the type of fläp'and the thickness of the defining airfoil.    The factors 
effects of flap chord,  flap deflection, and flap motion.    The accuracy of tHls äpproach'.-n Ue gleaned 
from Figure 31.    As can be seen,  the general trend is good, although significant errors can be realized 
in some Instances. 

this ap 

An approximate level of flap maximum lift Increment can be obtained from this alrfolx theory con- 
siderations. According to thin airfoil theory (Reference 17) the loading at the leading edge of a cambered 
airfoil is the same as that of an uncambered airfoil at a lift coefficient higher by the amount of one-half 
the Increment in lift due to flap deflection, for vanlshlngly small flap chord ratios. This implies that, 
for airfoils whose maximum lift la controlled by leading edge stall, that the flap maximum lift Increment 
la equal to one-half the lift Increment provided at constant eagle of attack for small flap chords. This 
increment becomes smeller aa the flap chord ratio increases. Thickness effects will, of course, serve to 
.acrease this level above that given by thin airfoil theory. This can be aeen by examination of the corre- 
lation shown in Figure 32 for experimental data measured from five different double slotted flap arrange- 
ments for a 92 thick airfoil, each with e chord ratio of approximately 35!. According to 'hin airfoil 
theory, the maximum lift increment should be approximately 402 of the lift increment at constant angle of 
attack; however, due to thickness effects this level is mors nearly 60X. Reference 18 carries this approach 
a rtep further to recount for finite thickness of the airfoil. 

(The section value of flan maximum lift Increment is then used to calculate the three-dimensional 
4CL

MAX^    ',y the relationship 

KMAXL • *<w fir) h 
SW£ 

where    "3—      is  the rstio of the wing aree affected by the trailing edge flap to the total wing area.    The 

factor    K,    ia empirically derived to account for the effects of wing sweep and is given by 

KA -   [l -.08 cos2(Ac/4)l cos1* A c/4" 

In the final analysis, the best assessment of three-dimensional maximum lift Increment due to 
flap deflection lies In measurement» in the wind tunnel. 

3.1.5    Maximum lift Increment due to Leading Edge Devices 

The lncreaae in maximum lift due to leading edge devices results from establishing flow conditions 
which permit the airfoil to go to a higher angle of attack before stall occurs.  The estimation of this maxi- 
mum lift increment again resorts to empiricism, particularly for adjusting the section values to the three- 
dimensional ones.  The estimation of the section value does, however, lend Itself to a certain amount of 
analytical treatment.  Roahko, In Reference 17, proposes a method based on 'he assumption that for airfoils 
exhibiting leading edge stall, the preasure distribution at the leading edge la the same at stall regardless 
of the camber. This implies that the stagnation point location Is at the same location in all cases and the 
preesure distribution around the nose is a function only of stagnation point location. From thin airfoil 
theory considerations, for an uncambered airfoil, the flow come* smoothly onto the airfoil at zero degrees 
angle of attack. At other anglea, a singularity develops st the nose.  For a cambered airfoil, the flow 
will come smoothly onto the nose at some other angle, in general different from zero. This engle is called 
the ideal angle of attack.  Roahko proposes that the change in maximum lift due to change in leading edge 
camber, i.e., leading edge device, ia entirely due to the change in ideal angle brought about by the camber. 
This is to say that the pressure distribution et the nose on the uncambered airfoil at the stall angle will 
now occur at an angle of attack higher than this by the chenge in Ideal angle due to camber.  Simple thin 
airfoil theory considerations provide this change in ideal angle of attack, and the corresponding change in 
maximum lift. A correlation of the maximum lift Increment calculated by this method with experimental values 
is shown in Figure 33 for s thin airfoil with a 15Z chord nose flap, showing reasonable agreement up to about 
25* deflection of nose flep. 

mamMiinii     mntH    r I I   I   



■ ■■ 

2-8 

The above approach cannot, of course, be applied with acy degree of confidence for airfoils with 
multi-element leading edge devices such as a slat. Another approach is suggested, using the criteron that 
the ultimate maximum lift achievable is Halted by exceeding supersonic flow locally on the nose of the 
airfoil. This is not to say that this will always be the case. Indeed, in the three-dimensional situation 
■any complex factors enter Into the control of maximum lift. It is rather suggested that the highest 
achievable level of maximum lift will be limited by exceeding sonic flow locally but could, of course, be 
below this due to other factors. Observations of two-dimensional wind tunnel test data seem to support 
this, as can ba seen in Figure 34. The minimum pressure coefficient, C , measured at the leading edge 
it  cl _ ** shown for several values of c\      . These pcints represent geometries with several flap 
deflections and different leading edge devices, and some geometries with no leading edge device. As can 
be seen, the values are all very close to the critical value corresponding to the free • tream Mach number 
of 0.2 in the wind tunnel. It should be recognised that the pressure gradients at the . at  for these high 
lift conditions are very steep, with significant pressure changes occurring over distance? that are on the 
order of the else of the pressure orifice; this causes some difficulty in extremely accurate pressure 
measurements, though it is reasonable to assume that the flow is near sonic in all cases. 

The flow phenomenon which produces this limiting condition by slightly exceeding the sonic con- 
dition is unclear. It may perhaps be due to the formation of weak shocks during deceleration from super- 
sonic flow; this may be sufficient to cause flow separation due to the pressure jump across the shock, 
imposed on an already severe adverse gradient. 

Assuming that the critical value of pressure coefficient can be used as a guideline for maximum 
lift, sophisticated potential flow solutions can be utilized to calculate the maximum lift increment due 
to leading edge devices. The potential flow solution is calculated for a variety of lift coefficients for 
the high lift geometry (i.e., flapped airfoil) both with and without leading edge device, and the difference 
in lift coefficient at which the critical c  is reached for the two geometries is a measure of the maxi- 
mum lift Increment for the leading edge device. 

A comparison of the calculated maximum lift increment using this approach based on the method of 
Reference 9, and experimental values for an airfoil with a double slotted flap deflected 5°, for several 
leading edge slat deflections is shown In "igure 35. While the predicted vnlue is generally above the 
experimental level, it is interesting to note that the shapes of the two curves are very similar. The 
probable reason for the oversrediction at the lower slat deflection anglej is that the control of stall is 
dominated by trailing edge separation rather than conditions at the leading edge. As the slat deflection 
la Increased, the control of stall is determined by leading edge conditions, giving closer agreement between 
the measured and calculated values. 

For full span slats on three-dimensional wings, the primary parameter effecting She maximum lift 
increment would appear to be the wing sweep, with slat performance decaying roug'. • with the square of the 
cosine of the sweep angle. This is indicated by the accumulation of slat performance data shown in Figure 
36. An empirical epproach for estimating slat maximum lift increment, 4CLM4Y __ _, for full span slats 
would then be simply 

'•MAX SLAT 

ACL, tux 
SLAT ■ K4 slat 

where acj 
to account for swiei 

is the appropriate section value and K, is the empirical factor shown In Figure 36 

It Is Important to ncte that significant reductions in this performance can be brought about by 
interruptions in the leading edge by nacelles and pylons. This effect must be assessed by sppropriate 
three-dimensional wind tunnel tests. 

3.1.6 Total Configuration Maximum Lift 

Aa can be evidenced by the previous discussions, the estimation of airplane maximum lift is 
generally based on a linear buildup of the verious cirplane components contributing to the maximum lift, 
such as clean wing, leading edge devices, and trailing edge flaps, snd the horizontal tall load required 
to trim the pitching moment at maximum lift. In general, this approach works reasonably well, as csn be 
seen in Figure 37 which compares estimated and flight measu'ed values of maximum lift for a variety of air- 
planes for different flap settings, both with and without 1 adlng edge devices. 

While the agreement between measured and calculated C 
LMAX 

is generally good for those configu- 
rations shown, it is not to ssy that the approach of using a linear J\ lldup is not without its disadvan- 
tages. To a large extent, the methods which estimate theee characteristics sre empirical in nature. This 
can lead to obvious difficulties for advanced concepts which have geometries departing from those upon 
which the empirical data is baaod. Further, complicating interference effects may be introduced which can 
only be determined from wind tunnel tests of the appropriate geometry. 

3.1.7 Lift in Ground Effect 

During the portions of the takeoff and landing when the airplane is in proximity to the ground, 
it will experience a change in lift characteristics; ac a given geometric angle of attack, the lift will 
be higher or, at a given level of lift, the effective angle of attack will be lower, at least up to a cer- 
tain point. The incremental angle of attac* decrease due to ground effect can be predicted by Prandtl's 
multi-plane Interference factors aa applied to ground operation by Wleselsberger (Reference 19). The mathe- 
matical model In this method is formed by two horseshoe vortices representing the real wing and an Image 
located twice the ground height below the wing to form I «round plane streamline. The lifting line theory 
treatment is simplified to evaluate only the Induced vertical velocity at the real wing due to the image 
wing trailing vortices. A comparison of wind tunnel measured angle of attack changes for several flap 
deflections with that predicted by the method of Reference 19 is shown in Figure 38. As can be seen, the 
method does reasonably well in the linear portion, but departs from the data in the higher lift coefficient 
rang«:. The method of Tanl (Reference 20) attempts to refine the approach by including the effect of the 

m __„_. ,^»_, 
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bound vortex in Che Image system, which accounts for the longitudinal velocity Induced at the real wing 
and the resulting circulation change, as well as the Induced effects due to the image trailing vortices. 
The agreement is reasonably good In the linear range, and it attempts to calculate the non-linear effects, 
but overpvedicts (.no magnitude of the change. Accurate lift predictions are required in ground effect up 
to the ground ai<;I« limit for V^ estimation as this has a direct effect on the takeoff field length as 
previously discussed. As noted in the figure, the representative lift coefficient for V^j is well Into 
the non-linear region where the methods become unreliable. As a result, empirical methods, or more pre- 
ferably, wind tunnel ground effect tests of the configuration are required. A more sophisticated treatment 
of the local induced velocity at the wing Is required, which should Include :he effects of camber as modi- 
fied by viscous effects. 

No consideration is given to ground effect on maximum lift since this is demonstrated only in 
free air, and the takeoff speeds are at least twenty percent above the speeds corresponding to those at 
'jxlmuo lift. 

3.2 Drag Characteristics 

The accurate estimation of airplane drag characteristics is considerably more difficult than that 
of the lift characteristics. This is primarily due to the flow being doaineted by viscous effects; with 
the single exception of the lnviscid contribution to the drag due to lift, no viscous aspects of the pro- 
blem are currently amenable to analytical treatment. The zero lift parasite drag computations for the 
clean configuration ire empirically built up from sound two-dimensional analytical considerations; no such 
analytical treatment is available for multi-element high lift systems. 

The problem is complicated by the presence of many non-aerodynamic shapes when a high lift system is 
deflected, such as flap structural tracks, screw jacks, linkages, and open cavities in flap wells. This 
is compounded by the presence of highly three-dimensional flows at high lift coefficients. In both the vis- 
cous and lnviscid sense. For these reasons, the estimation of the parasite drag contribution due to high 
lift device drag is strongly dependent on experimental data. 

3.2.1    Clean Configuration Drag 

A good approximation to a clean configuration (high lift systems retracted) low speed drag polar 
Is that represented by the classical parabolic polar 

Cl 
CD - CD0 

+ -TJk 

°L where CDo is the drag at zero lift, and ^g^ is the lift dependent drag. In the strict sense, the drag 
polars are not parabolic; in the practical sense, however, this representation is a reasonable one. Thi« 
can be seen from the representative DC-10 flight measured polar shown in Figure 39, which indicates that the 
drag due to lift is linear with C£ throughout the range of lift coefficients. 

The zero-lift parasite drag with the high lift system retracted is estimated by empirical methods 
which rely heavily on wind tunnel and flight test data gathered during previous transport development pro- 
grams.  The basic equivalent parasite drag for the Individual airplane components is defined as 

w COMP wet 
Sref 

where Cf is the flat plate skin friction coefficient, Including the effects of rougtuuss, and K Is a 
form factor which accounts for the effects of thickness, a\ pirveloclties, and pressure drag. S  /S 
is the ratio of wetted area to the reference area. 

The flat plate skin friction coefficients can be obtained from Reference 21 for fully turbulent 
flow and are based on the characteristic length of each component. The characteristic length for a body 
(fuselage, nacelle) is the overall length and for aerodynamic surfaces (wing, tall, and pylon) It Is the 
exposed mean aerodynamic chord. Roughness effects are due to excrescences such as protruding rivets, steps, 
gaps, and bulges in the skin, etc., which result from typical manufacturing procedures. This Is accounted 
for (Reference 21) by an equivalent roughness. This equivalent roughness has been determined by equating 
the flight test zero lift parasite drag for the DC-8, DC-9, and DC-10 to a detailed estimate of the parasite 
drag and solving for roughness.  This value has been determined to be 0.00095 inch and is, within the 
accuracy of the flight data, a constant value. 

The form factor for aerodynamic surfaces is a function of average thickness ratio and of the 
sweep of the surface, and may be determine'  rom Reference 22, or appropriate two- and three-dimensional 
wind tunnel data.  The form factor for aer' . .lamic bodies Is a function of overall body fineness ratio and 
may also be determined from Reference 22 or appropriate wind tunnel data. 

In addition to the basic form drag of the nacelles there may be base drag due to the design 
requirements in stowing the thrust reverser. The appropriate base drag coefficients can be obtained from 
Reference 23. An additional miscellaneous excrescence drag is due to protuberances such as light and 
antenna fairings, drain masts, probes, unavoidable mismatches, holes, aircondltioning system, etc. which 
all aircraft are required to have.  Experience at Douglas based on a detailed analysis of the DC-8, DC-9, 
and DC-10 aircraft has shown this drag increment to be a constant percentage (M9Z) of the basic parasite 
drag. 

The zero-lift wing twist drag can be obtained analytically from an appropriate lifting surface 
theory such as the Clesing Vortex Lattice program (Reference 4). 

The representation of the drag due to lift for the parabolic pclar la 
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cD 
ffcl 

«hare 'e' is the so-called airplane efficiency factor which accounts for the departure of lift dependent 
drag from that due to elliptic loading »nd for the variation of parasite drag with lift. The induced drag 
nay be written as the SUB of an invlscid ontributi'-- nd a viscous contribution 

Cn. 
viscous. 

The lnvlsr.id corr.ributlon nay be determined fron appropriate methods, such as those of References 3 
through d or 24. The viscous contribution to the Induced drag must necessarily be empirically determined 
from experimental data. The parasite drag is lift dependent due to the thickening of the boundary lsyer as 
the pressure gradients Increase with Increasing lift, and is assumed to be linear with lift coefficient 
squared: 

2. 

'viscous 

The total lift dependent drag may then be written as reittei 

% - M 
«v 

+ KC,2 

from which 

it* 

where 
w 

H 
invlscid 

1 

Si 
Tüte 

invlscid 

cT 
+ K 

invlscid 
^2  Is merely the slope of the calculated Invlscid drag polar. 

The parameter 'K' has been empirically determined from available flight measured low speed drag 
solars and found to be primarily a function of wing sweep. Applying this empirically determined viscous 
contribution, with the appropriate value of the invlscid drag polar slope to the above relationship, the 
value of '«' was calculated for a variety of configurations, and is compared to the flight measured values, 
as thown In Figure 40. As can be seen, the agreement is generally good. It is again emphasized that the 
parabolic ,.olar is an approximation, as flight measured polars Indicate some distortion from this. Given 
that enough carefully measured flight polars were available for a variety of configurations one could 
undoubtedly arrive at additional empirical relationships to account for this. It is, however, far more 
desirable to continue development of three-dimensional viscous analytical tools which can provide a more 
fundamental approach to the solution of the problem. 

3.2.2    Drag due to Trailing Edge Flaps 

The drag Increment due to the deflection of trailing edge flaps results from both a parasite drag 
increase and an Increase In induced drag. The parasite drag Increment due to the deflection of trailing 
edge flaps presents one of the more challenging low speed characteristics to estimate. As previously men- 
tioned, the non-aerodynamic shapes euch as the flap actuating structure which become exposed when the flaps 
are deflected creates a very complex flow picture which la at best, difficult to assess. This is over and 
above the consideration that no three-dimensional viscous analytical tools are available to provide a firm 
theoretical foundation for estimating the drag due to flaps. 

There are, however, several promising two-dimensional techniques which can assess the viscous 
solution of arbitrary multi-element airfoils, such as References 7, 8, 9, and 25. These spproachea are, 
however, limited in their ability to calculate drag. Goradla, in Reference 8, using en Integral boundary 
layer solution, accounts for the presence of the wake from a forward element. This approach provides good 
correlation with experimentally measured boundary layer characteristics, though the reference does not pro- 
vide any correlations with measured drag data. Similarly, References 7 and 9, while providing very good 
agreement with experimentally meaaured pressure distributions and lift and pitching moment characteristics, 
have not addressed the drag problem, 

A first order approach utilising the potential and viscous solutions for multi-element airfoils, 
is to sepsrately apply to each element the method of Squire and Young (Reference 26) which requlrea a know- 
ledge of the momentum thickness and the potential flow velocity at the trailing edge. This approach works 
quite well for single element airfoils (Reference 27). It does not, however, lend Itself to multi-element 
airfoils, partly because it does not consider the complex merging effects that occur with the boundary 
layers of the various elements. More fundamental than thia may be that the underlying assumptions to the 
method ere violated in the presence of the asymmetrical and highly curved wake associsted with multi-element 
airfoils under high lift conditions. In the final analysis, the true solution to calculating the drag for 
multi-element airfoils must lie in extending the calculation downstream into the wake, and determining the 
velocity distribution in that region. 

One la left, then, with a dependence on experimental data for calculating the perasite drag of 
trailing edge flaps. References 10 and 28 provide experimentally derived section parasite drag increments 
for relatively simple flaps, such a» split flaps and single slotted flaps but do not provide data for more 
sophisticated double end triple slotted flapa, euch as those currently in wide usage on transport aircraft. 
There are various wsys of correcting this section data to three-dimensional valuea to adjust to part span 
levels, euch as given in Reference 23. Where previously established section data do not provide levels of 
flap parasite drag for more sophisticated trailing edge flaps, this level must be extracted from three- 
dimensional data for similar geometry. 

The Induced drag Increment due tc the deflection of trailing edge flaps results from the distor- 
tion in span loading at a constant lift coefficient, that it, a twist drag increment. Thia increment is 
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far nor* amenable to analytic treatment than la the caae for the parasite drag Increment. The difficulty 
la that the determination of this increment has no testability; that Is, it cannot be determined per se from 
experimental measurements since any three-dimensional drag Increment due to flap deflection includes both 
the parasite and induced drag contributions. 

The assumption must, therefore, be that if the span loading can be accurately calculated, then the 
resulting induced drag is implicitly correct. The various lifting surface theories can be applied to accu- 
rately calculate the span loading for clean wings with no flaps. This task requires considerably more care 
In the case of large flap deflections. Given that an accurate representation of the effective camber line 
can be made, good agreement between calculated and measured span loadings can be achieved using methods such 
as the vortex lattice lifting surface theory of Reference A. Figure 41 shows such a correlation for a part- 
span double-slotted flap deflected 50°, indicating good agreement. In principal then, the resulting induced 
drag increment due to the distortion of the loading over and above the basic clean wing loading will be the 
appropriate value. 

The total flap drag increment is then 

K), 
ACDrup - (ACDp)Fi^ ♦ (flCDt) 

K): 
FLAP 

Is the value of induced drag due where |iCn_l    is the section value adjusted for span and 
'?LAP \  "-/FLAP 

to span loading distortion. 

3.2.3 Drag due to Leading Edge Devices 

The estimation of the drag increment due to leading edge devices is as difficult, If not more so, 
than that of the trailing edge flaps. In attempting to analytically calculate the section parasite drag of 
a leading edge slat by the Squire-Young method, based on the potential flow and viscous solutions from the 
method of Reference 9, which do not consider the possibility of separated flow on the slat lower surface, 
one find« even more disparity between theory and experiment as shown in Figure 42. A secondary message to 
this figure might be noteworthy to the designer, In that the theoretical level might represent something 
of a lower bound of drag to strive for as a goal. 

The very wide variety of leading edge device geometries which can be used for Improving low speed 
characteristics, such as slats, slots, and leading edge flaps, makes it difficult to lend even an empirical 
approach to the estimation process. One is then left with an almost complete dependence on experimental 
data to estimate the drag Increment resulting from a leading edge device. 

3.2.4 Miscellaneous Drag 

Several additional considerations of drag must be made prior to arriving at the total drag char- 
acteristics for any airplane in the high lift configuration. There are several Increments of drag which 
must be included for landing or rejected takeoff calculations, such as drag due to spoilers and landing 
gear. Within the experience of this author, no methods as such exis; for calculating this type of drag 
Increment. Both of these examples are atrongly configuration dependent; spoiler drag, for example, is not 
only dependent on the type of spoiler but the type of trailing edge flap system as well. This results from 
the spoilers separating the flow ov;r the flaps, and increases with Increasing flap deflection for a fixed 
spoiler geometry as can be seen In figure 43, for example, from the spoiler drag Increment for the DC-9 
airplane as measured In the wind tunnel. The level of drag due to spoilers for no flap deflection could 
probably be estimated from simple considerations of the drag of flat plates normal to the flow. This is, 
however, only a small portion of the total drag due to spoilers at high flap deflections. Additional con- 
tributions to the spoiler drag result from changes In the Induced drag characteristics due to distortion in 
the span loading, and due to the fact that the spoiler is operating in an Increasingly higher velocity field 
as flap deflection Is increased. The drag Increment due to spoilers is best obtained from wind tunnel data. 

This is similarly true with the drag increment due to landing gear. References such as 22 can be 
used to estimate the parasite drag of wheels, struts, cavities, doors, etc. However, the drag increment 
may vary with flap deflection, depending on the relationship of the gear geometry to the flap system.  Pre- 
sumably thlf results from the downwaah field induced by the flaps.  This can be seen in Figure 44 for the 
experimentally measured landing gear drag increment for the DC-8 airplane; this same trend of decreasing 
drag increment with Increasing flap deflection is also evident on the DC-9 and DC-10 aircraft. 

Two other drag contributions must be considered for the low speed performance calculations which 
result from balancing the forces and moments on the airplane, that of longitudinal trim, ».id that of lateral- 
directional trim in the Instance of a thrust loss due to engine failure. 

The balance of forces and moments to be considered for the longitudinal trim case is shown in the 
force diagram of Figure 45. This results In p change to the total airplane drag due to the load carried on 
the horizontal tall.  The trim dr_g increment is made up of three main components, which arc, for a fixed 
level of airplane lift coefficient:  1) the change In the airplane tail-off Induced drag due to the lift 
on the horizontal tail, 2) the Induced drag of the horizontal tall, and 3) the drag (or thrust) increment 
due to rotation of the tail lift vector which results from inclination of the local onset flow in the pre- 
sence of the wing downwaah field. 

The level of trim drag Increment is primarily dependent on the airplane tail length, the amount 
of static margin, and the amount of high lift system employed.  In general, the amount of uncertainty Intro- 
duced will be dependent on the accuracy of determining the pitching moment and the downwash at the tail. 
Figure 46 provides an indication of the sensitivity of the trim drag Increment to these parameters for a 
typical transport airplane trimmed in a climbout configuration* As can be seen, the trim drag represent* 
roughly five percent of the total airplane drag at the Vj condition.  For this particular case, the trim 
drag is relatively insensitive to accuracy in pitching moment, there being less than one quarter of cne 
percent change In airplane drag for a 10Z change in pitching moment.  However, it is evident that the trim 
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drag has considerable sensitivity to the downwaah accuracy, in that an uncertainty of .5* can result in s 
one percent change in total airplane drag. The aignificance here is that the dovnwash should best be 
determined from wind tunnel tests, since there are no suitably accurate methods for predicting the strong 
3-D effects which can be encountered in the high lift configuration. 

The balancing of forces and moments to be accomplished in the event of an engine failure is shown 
in Figure 47. This must be considered In takeoff computations aa the airplane must be able to continue a 
takeoff in the event of engine failure at a speed equal to or greater than the decision speed, aa previously 
discussed In the introduction. Balancing the resulting asymmetry will result in an Incremental drag. 

The loss of an engine as shown in Figure 47 vill introduce e yawing moment due to the thrust 
asymmetry snd the wlndmllling jet drag on the engine which has been shut down. This yawing moment can be 
balanced by side force due to sideslip and rudder deflection. This net aide force can then be balanced bv 
varying amounts of bank angle; however, the airplane will generally be flown with wings level (0° bank 
angle) which will then require some eidealip. The sideslip and rudder deflection produce a rolling 
moment which must be balanced by deflection of ailerons and/or spoilers. The net result of the loss of 
an engine which produces an asymmetric thrust is that the airplane must be balanced in yawing moment, side 
force and rolling moment. This results in drag increments due to sideslip, rudder and aileron (and/or 
spoiler) deflections, wlndmllling engine drag, and, if the airplane is not flown wings level, there will be 
a slight increment in Induced dreg due to lncreaaed angle of attack to maintain level flight. 

Clearly the estimation of theoe forces is not s simple matter. There are empirical methods depen- 
dent on gross parameters auch as tall length and engine moment arm, which aufflce for preliminary design 
work. 7or s more csreful analysis, however, the lateral and directional characteristics must be known from 
wind tunnel measurements. A representative drag increment due to engine out condition Is shown in Figure 48 
es determined from wind tunnel measured characteristics, for a range of sideslip sngles. The varioua com- 
ponents of the total drag Increment are aiao shown in the figure. For the particular geometry represented 
here, the drsg Increments due to rudder deflection and sideslip dominate the picture as contrasted to the 
various other increments; this picture will, of course, vary for different configurationa. 

3.2.5 Drat in Ground Effect 

During the courae of grouad takeoff acceleration, or deceleration during landing when .the airplane 
la in proximity to the ground, it experiences a reduction in Induced drag. This results from a reduction of 
the downwash from the lifting field of  . wing. The methods of Uleselaberger (Reference 19) snd Tanl 
(Reference 20) previously discussed can be applied with good succesa to the estimation of the drag reduction. 
A comparison of the estimations using both these methods Is shown in Figure 49 with experimentally measured 
data for a configuration with flaps retracted and slats extended. As can be aeen, the theories do a reason- 
able job of estimating the induced dreg reduction. In addition to theae two methods, a calculation is shown 
based on the vortex lattice lifting aurface theory of Gleaing (Reference 4) for the wing and its image. As 
can be aeen, there la essentially no difference between the lifting eurface and the simple lifting line 
c«'".epts. An additional correlation la shown in Figure SO for several flapped configurations using the 
method of Reference 19 for ground heights encompassing the range of angles of attack tested. Again, good 
agreement is shown in the linear region beyond which the method overpredicts the drag —auction. As pre- 
viously discussed, the sensitivity of takeoff field length to drag is rather smell, except in those esses 
wherein the airplane is second segment climb limited, which is determined by dreg out of ground effect. 

3.2.6 Total Configuration Drag 

The buildup of the total drag of the complete airplane polar in the high lift configuration is 
assumed to be a component buildup referenced to the clean configuration; the total drag is then 

CD " % + VST. + 4CDnjtf * 4CDsuT + iCI>TRIM + ACDCEAR 

where CQ  IS the clean configuration drag at zero lift, and '•' la the efficiency fector for the clean 
configuration. This is an artificial approach in the sense that the clean configuration would not be flown 
at the same lift coefficients ss those of the airplane in the high lift caae.  Hovever, experience with the 
DC-8, DC-9, and DC-10 transport aircraft has shown that this represents s reasonably accurate method for 
estimating the high lift configuration drag characteristics. This process is illustrated in Figure SI 
which shows the buildup of the various components of drag which comprise the drag polar for the landing 
configuration.  As noted In the figure, this type of buildup does not imply thst the slope of the polar in 
the high lift configuration is the same as that of the clean configuration. In general, the high lift system 
will, of course, improve the flow quality in that flow separation is reduced and additional leading edge 
auction la recovered ao that the effective  'e' of the polar la higher in the high lift csse thsn that of 
the clean configuration. This is manifest in the estimation proceas in that the flap and slat drsg incre- 
ments sre dependent on lift coefficient. 

The roller shown In Figure SI is for a landing case with landing gear down.  High lift polars for 
other configurations can be built up in a similar manner, incorporating other drag Increments such as that 
due to spoiler deflection, engine out drag, or drag in ground effect, as appropriate. Correlations of 
polars estimated in this manner witli both wind tunnel measurements snd flight measurements will be presented 
in subsequent discussions. 

3.3      Pitching Moment Characterlatlcs 

Pitching moment characteristics enter into airplane performance in both a direct way and an indi- 
rect way. The direct wey is with regerd to the flying qualities of tiie airplane, particularly in the stsll 
and post-stall regimes. The indirect wsy is the manner in which pitching moment characteristics must be 
balanced to provide longitudinal trim for the airplane, and the resulting effect on trimmed lift and drag 
characteristics.  For the present discussion, the concern will not be with flying qualities, but rather 
with the determination of the magnitude of pitching moment characteristics for assessing trimmed character- 
la tica. 
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Pitching moment coefficient Is a difficult parameter to determine since It requires an accurate 
description of the chordwise loading across the span of a configuration, as well as fuselage effects. 
Applicable methods consist of empirical approaches, lifting surface theories, and full three-dimensional 
lifting potential flow solutions. 

Reference 10 provides an empirical approach for calculating pitching moment characteristics for 
configurations with and without high lift devices. This procedure is based on an availability of appro- 
priate section pitching moment characteristics; the section characteristics can be determined with reason- 
able accuracy for arbitrary high lift geometries by a suitable two-dimensional potential and viscous flow 
solution such as Reference 9 as was previously shown in Figure 27. Due to a lack of experience with thia 
approach by the author and his colleagues, no evaluation of it can be presented. 

Representative available lifting surface theories are the vortex lattice theory (Reference 4) 
which has been discussed previously, and the elementary vortex distribution method (EVD) of Reference 29. 
The finite element EVD method was originally developed for powered lift systems but has proven to be a 
valuable analytical tool for wings with unpowered high lift systems as well. In this approach, the wing 
is represented by a sheet of Infinitesimal horseshoe vortices located on their horizontal projection plane. 
The boundary condition to be satisfied is one of tangential flow on the wing surface. The Kutta condition 
la satisfied by requiring the vortex strength at the trailing edge to be zero. The formulation of this 
method consists of dividing the wing planform Into a set of rectangular boxes, upon which a composite set 
of elementary vortex distributions is constructed at any givan spsnwise atation. The chordwise vortex 
distribution will primarily consist of a series of triangular elements. 

The ability of both the EVD and vortex lattice lifting surface theories to accurately calculate 
the details of chordwise loading is shown in Figure 52, which compares calculated and experimentally meas- 
ured chordwise pressure distributions at two spanwise stations on a planar wing at 4* angle of attack. It 
would appear that both methods provide equivalent levels of sccuracy in terms of good agreement with experi- 
mental results. However, as shown in Figure S3, this accuracy is not carried through to the ability to 
estiaate pitching moment characteristics. While both methods provide agreement with the level of pitching 
moment at zero CL, the slope of the curve Is only In fair agreement according to the vorr.sx lattice 
theory, and less so For the EVD method. 

A fully three-dimensional lifting potential flow solution can provide a good representation of 
pitching moment characteristics for a wing alone geometry, as shown In Figure 34. The method of Reference 
30 was used to calculate the pitching moment characteristics for a planar swept wing, and indicates good 
agreement with experimental data In the range of lift coefficients wherein viscous effects are not signifi- 
cant. However, as shown in Figure 53, the agreement is rather poor for a swept wing with a fuselage. It 
Is not understood whether this results from numerical accuracy problems, or whether it is due to the possi- 
bility of strong viscous flow effects over the fuselage. 

The difficulty of applying the various analytical tools with any confidence is compounded for 
configurations with high lift devices deflected. In general, within the lifting surface theories, the 
fuselage is represented by either slender body theory considerations, or by semi-Infinite fuselages; wing 
body Interference effects, pre. «it in the clean configuration as well, present possible additional inaccu- 
racies in the high lift case. 1. addition, the lifting surface theories are generally linearized so that 
Integrations for force coefficienti are conducted in a horizontal plane which includes only vertical com- 
ponents; thus whan s flap is deflected, the component of moment due to the force acting In a horizontal 
plane is not Included. Further, viscous considerations such aa large parasite drag components on highly 
deflected flapa can introduce significant errors. 

The results of the application of the vortex lattice lifting surface theory (Reference 4) to a 
swept wing fuselage combination is shown in Figure 56, comparing calculated and experimental pitching moment 
increment due to flap deflection. Aa can be seen, the calculated value is in error by a factor of two, 
probably due to the reasons cited above. A comparison between experimental and calculated pitching moment 
la shown in Figure 37 for a complete airplane with flaps deflected 20*, utilizing the method of EVD (Refer- 
ence 29). In this instance, the agreement is seen to be relatively good In terms of slope and level. To 
some extent, however, th' must be fortuitous, since the calculated value was for wing alone and Includes 
no fuselage effects. 

In the event that railed pitching moment characteristics are required, three-dimensional wind 
tunnel testing must be conu ■d. At best the various analytical tools can provide some indication of the 
level of pitching moment, but i - strong viscous effects which determine stability characteristics csn only 
be determined experimentally. 

4.0 WIND TUNNEL MEASUREMENTS 

In the final analysis, the low speed high lift characteristics for a given new configuration 
must be measured In an appropriate wind tunnel to pruvlde the high level of confidence necessary for the 
Initiation of a production program. This permits the designer to verify the estimated characteristics, 
and to Identify and correct potential problem areas which could not be accounted for in the estimation 
process. 

4.1 Two-Dlmenslonal Wind Tunnel Testing 

While the wind tunnel remains as  the single device which csn best simulate aerodynamic character- 
istics,  considerable care oust be exercised to iusurs that the desired flow conditions are properly simulated. 
The complete airplane characteristics must be simulated utilizing a three-dimensional scale wind tunnel 
model; however,  Increasing uss is given to determining certain component characteristics by utilizing two- 
dimensional wind tunnels.    The advantages are basically due to the wind tunnel model simplicity and associ- 
ated reduction in coat as compared to three-dimensional models.    Further,  th» results need not be oriented 
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towards a specific configuration, but rather nay be ajviicable to any one of a variety of cnfig. rations. 
Indeed, aa pointed out several times in the previous discussion, many estimation methods are strongly 
dependent on a knowledge of two-dimensional characteristics with empirical corrections to three-dimensions. 

A representative low speed two-dimensional wind tunnel currently in use is the McDonnell Douglas 
facility shown in Figure 58.    The model is mounted between two parallel floor-to-celling inserts that pro- 
vide a two-foot two-dimensional test section.    Thia type of testing has certain associated difficulties,  the 
single most difficult problem being the assurance of achieving two-dimensional flow.    Departure from two 
dimensionality can result from two possible sources:    external bracketry attaching the high lift system to   
the model, and, far more significantly, wall boundary layer separation.    The former problem can be minimized 
by relatively large span models and aerodynamically clean bracketry, or may be eliminated altogether by 
having the high lift system support internal to the walla. 

f 

The wall boundary layer aeparation results from the inability of the tunnel boundary layer to 
negotiate the severe adverse gradients imposed on the wall by the lifting field of the model. The result- 
ing wall boundary layer aeparation induces significant three dimensionality in the model flow field. Wall 
boundary layer control is necessary to minimize this problem either by blowing (Reference 31) or by auction 
aa used in the McDonnell Douglas facility (Reference 32). The importance of applying wall boundary layer 
control can be seen In Figure 59 for a high lift configuration. The lack of wall suction results in both 
a significant loss in lift and in non-linear lift characteristics. In addition, the pressure distribution 
across the span of the vane and flap is highly three dimensional in the absence of the suction. The appli- 
cation of localized wall suction provides a reasonably good level of tvo-dlmenslonallty across the span of 
the various model components. 

Two additional problem areas associated with two-dimensional testing techniques are possible 
floor and ceiling flow aeparation, and the measurement of drag. According to Reference 31, the floor and 
ceiling separation can be avoided by roughly following the criterion that C^(T-)<2, where c/h is the 
model chord to tunnel height ratio. This indicates that for chord to height ratios of about one fourth, 
values of lift coefficient as high as eight ccn be tolerated without flocr or ceiling flow separation. 
With regard to the measurement of drag, the boundary layer control in ".he wall introduces significant tares 
in the drag force direction which are difficult to measure; this usually results In the requirement that 
drag be measured by a downstream wake survey, using one of the various methods reviewed in Reference 33. 

Incorporation of the proper wall Interference corrections (Reference 34) and attention to these 
various problem areas can result in highly accurate two-dimensional measurements over complex high lift 
shapes with several elements. This waa previously demonstrated by the close correlation between theoreti- 
cally calculated and experimental two-dimensional high lift characteristics discussed, for example, in 
relationship to Figures 27 and 28. 

4.2     Three-Dlnensio..jl Wind Tunnel Testing 

The problem of insuring proper flow simulation for three-dimensional testing becomes correspond- 
ingly more complex than in two dimensions, resulting from a desire to correct the tunnel data to full scale 
flight conditions. The Jet boundary corrections normally applied are those of Reference 35 to account for 
the presence of the wind tunnel boundaries on the model flow field. 

The model support system used in conventional wind tunnel testing will interfere with the free 
air flow about the model. Interference tares must be obtained to account for this effect. The interference 
tares of a typical model support system can be found by using the procedure given in Reference 36, and illu- 
strated in Figure 60. In this method the aerodynamic characteristics with tüodel upright and inverted with 
image system Installed (Runs 2 and 3 in Figure 60) are used to establiah the degree of flow angularity pre- 
sent in the tunnel. The average of the characteristics obtained for these two configurations will correct 
for this angularity. The difference between theae average coefficients, and those obtained from the model 
inverted with no image system (Run 1) will then represent the complete interference tare correction to 
account for both angularity and support system Interference. This tare correction will then be applied to 
the data obtained from the model run in the normal upright position, which is Run 4 in Figure 60.  It should 
be noted that to accomplish the interference tare analysis correctly, tares ahould be generated for each 
major configuration tested. 

The most significant parameter of concern in low speed high lift wind tunnel testing is Reynolds 
number.  In order to simulate flight conditions, a Reynolds number as high as is practicable is desired. 
Ordinary Reynolds number effects on skin friction due to Reynolds number differences between tunnel test 
and flight can be readily accounted for. However, there are other significant, and well known Reynolds 
number effects due to flow separation which cannot be analytically accounted for. A classic example of 
this is the Reynolds number effect on maximum lift, as shown in Figure 61, for a representative high lift 
configuration. For this particular geometry, there is about a .13 difference in C[    over the range 
of Reynolds numbers tested.  Experience has shown to a large extent that the CJ^J values measured at 
Reynolds numbers of about 6 x 106 agree reasonably well with flight.  The drag measurements at various 
Reynolds numbers are shown by the representative data of Figure 62 for both a takeoff and a landing confi- 
guration. The difference in drag due to Reynolds numbers effects is significantly more than that due to 
skin friction; it is, in fact, due to prcoiture flow separation. At lift coefficients which represent 
climbout conditions, the difference between low Reynolds number levels and that obtained at high Reynolds 
number represents approximately 4! of the total airplane drag. At the higher Reynolds numbers e.g. between 
4.0 and 6.0 x 106, the differences are attributable to Reynolds number effects on skin friccnn, and can be 
accounted for. This effect is even more dramatic for a high lift configuration representative of a landing 
geometry, as shown in Figure 62.  Clearly, the adjustment to the data for calculable Reynolds number effects * 
will produce minimum error at the highest possible test Reynolds number. 

In summary, then, to produce an accurate level of high lift configuration drag characteristics, 
the data must be corrected for wall effects, support strut interference, and adjusted fc: Reynolds number 
differences between tunnel and flight, and finally, trimmed to flight e.g. locations.  The significance of 
theae effects on representative takeoff lift-to-drag ratio characteristics is ohown In Figure 63. As shown. 
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these various effects are not snail. The largest adjustment Is that due to wall effects, being approxi- 
mately 12Z at representative cllmbout CL. The remaining adjustments account for an additional reduction 
such that in going from raw tunnel data to flight simulated levels, an adjustment in access of 20Z is 
required. Considerable care must be exercised to insure that these various adjustments are correctly 
applied if one is to have confidence in properly simulating full scale levels. 

How, then, do these measured characteristics compare to those estimated? From the drag stand- 
point, the low speed polars as estimated and measured for the DC-10 transport are compared in Figure 64 
for representative takeoff and approach configurations. The estimates of these drag characteristics were 
obtained by a component buildup for the basic clean airplane and high lift system, as previously discussed. 
The values were obtained from the NASA 12-foot Pressure Wind Tunnel at Ames Research Center. The various 
adjustments as discussed above were applied to these data. As can be seen, both polars are in remarkably 
close agreement with the tunnel measurement. The estimated level for the approach conditions has a slightly 
different slope than the measured level, and is higher by approximately one percent in drag. Estimated 
polars for various other flap deflections showed similar correlations in that the estimates were in close 
agreement with the high Reynolds number levels as measured and accordingly corrected to full scale. 

This is not to imply that one can always confidently expect close agreement between the tunnel 
measurements and estimates. The maximum lift coefficients through the range of flap deflections were 
estimated for the DC-10 by the component buildup previously discussed. In addition, an estimate for a 
degradation in Cu^. due to nacelle and pylon interference was applied. Subsequent high Reynolds number 
wind tunnel testingshowed, however, that at higher flap deflections, the nacelle interference effects 
were higher than originally estimated, resulting in a cUtilX    *or Cne landing configuration which was lower 
than estimated, as shown in Figure 65. This condition leato the wind tunnel development of the nacelle 
strakea, a feature unique to the DC-10 (Reference 37). The principle of the strake is shown in Figure 66; 
as the angle of attack iucreires a vortex is shed from the strake and flows over the wing. As the wing 
approaches stall, this vorte« moves close to the wing upper surface, and acts as an energy transport device 
with the free stream air. This results in delay of the flow separation which originates in this region 
without the strokes. The effect of the strakes can be seen in Figure 65, which shows the level of ^Lutv 
to be equal to or higher than the origin»1 estimate. 

The >ind tunnel can, then, provide verification of estimated characteristics, and identify problem 
areas which can be rectified at an early date. This requires careful attention to the adjustment of the 
tunnel data to proper full scale conditions, and testing at as high a Reynolds number as is practicable. In 
the final analysis it is the flight characteristics which determine the success of an airplane. A discussion 
of certain pertinent problem area» in flight measurements, and correlation between flight measurements with 
estimated and wi >d tunnel measured characteristics follcv>. 

5.0 FLIGHT TEST MEASUREMENTS 

The performance demonstrated in '.li>it determines the degree of success of an airplane regardless 
of the estimated or wind tunnel measured . .racteristics. The commercial aircraft certification require- 
ments dictate an extensive flight progra' to demonstrate compliance with FAA regulations; however, the 
performance items demonstrated are usur iy net sufficient for the acquisition of the highest quality aero- 
dynamic data. The additional time anr' ' unds required for more suitable flight testing can be judged to be 
too prohibitive since these data are .tot directly applicable to certified performance. Another possible 
source of lift and drag data is from prototype and development 'light test programs which are conducted to 
obtain a preliminary assessment of the performance. If the aircraft is performing as- expected and no 
improvement devices are being tested, the development phase may be considerably shortened. The aircraft 
lift and drag must then be extracted from the certification performance data with supplementation from 
development flight testing. 

5.1 Lift Characteristics 

The 
history trace 
67. The FAA 
per second, 
second entry 
not purely ae 
values cannot 
steady state 
the break in 

minimum flying speed (V  ) from which C
LMAY 1* determined, is extracted from a time 

of velocity for the various high lift configurations, an example of which is shown in Figure 
requirements dictate that V    be demonstrated at a rate of entry Into the stall of one knot 
Several entry rates are flown tor each high lift geometry and the ^Lu^y at the one knot per 
rate is determined accordingly as shown in Figure 68. The Vmt„    value of Cu,iV is, however. 
rodynamlc since complicated inertial effects are involved in fts demonstration «"m ese    CL 'MAX 
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then be compared directly with estimated or wind tunnel predictions which are based on a 
(1-g) stall condition. The 1-g value can be obtained from the flight data by establishing 
the normal acceleration time history trace as shown in Figure 67.  In a fashion similar to the 
the 1-g Cu ;, can be determined for various entry rates, although experience has shown that 
er'.ry rate onwl-g CLj,   is usually negligible. 

<:-aplti-c free air lift curves below stall can be derived from either steady state speed power 
points, or from the speeds established through the performance of a V    maneuver.  Because of its highly 
iynamlc nature the evaluation of lift from the V    maneuver requires accurate measurement of equivalent 
a:.speed, normal and axial accelerations, ambient conditions, angle of attack, gross weight and center of 
gravity location.  In addition to the above parameters, the effects of idle thrust, aeroelasticity, and 
transitory trim and control inputs must be recognized.  Representative complete lift curves derived from 
both V    maneuvers and level flight data are presented in Figure 69 for two different flap settings. 
The CLUJJ!! values shown are the 1-g values. As can be seen, the lift curves can be reasonably well 
established In this manner, though some scstter exists, varying from about one percent at CL^,» to two 
percent at the lower angles. 

In addition to the flight curves shown in Figure 69, the high Reynolds number wind tunnel derived 
lift curves are presented. The general qualitative character ct the wind tunnel lift curves is in good 
agreement with the flight levels though some differences are to be seen. There is some loss in slope at 
the higher angles for both flap settings.  In addition, for the higher flap setting, the tunnel level of 
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C4(AX U lo"*r th*n th,t —*"-**  *■ fllIht by about fiv« percent. Fro« the»« trend*, one night conclude 
that this la a Reynolds number effect, though there is no way to firmly ascertain this. While the wind 
tunnel provides good agrtement In general with flight, the tunnel values aust always be viewed with some 
judgeaent as to their absolute levels. 

Lift chracterletica in ground effect, with landing gear Just touching the runwsy, are usually 
extracted from minimum unstick speed (VMQ) or variable pitch attitude maneuvers. Constant pitch attitude 
liftoff maneuvers have also been flown et angles of attack lower than for V'mj in an effort to obtain more 
atable data. In obtaining lift characteristics in proximity to the ground, the effects of wind, thrust, 
and pilot tria Inputs are also accounted for. The lack of an airspeed system which eccurately measures 
airspeed relative to the air in ground effect with high pitch attitude la still a aajor problet in data 
acquisition. A correlation between flight aeasured and estimated lift curves in ground effect for e trans- 
port airplane in a takeoff configuration is shown In Figure 70. The estimated curve is baaed on a free air 
flight curve, corrected for ground effect by applying wind tunnel neaaured increments. The flight measured 
level waa obtained fron srve.-al constant pitch attitude flight points. As can be aeen in Figure 70, the 
in-ground effect lift curve la well defined, with a scatter band of slightly over one percent, and is in 
good agreement with the estimated value. 

5.2     Drag Characteristics 

The low speed out-of-ground effect drag characteristics can be obtained from either engine-out 
climb data or If available from stabilised level flight speed-power points. The engine-out climb data con- 
tain measurement errors associated with transients in thrust, airspeed, altitude, temperature, and wind. 
In addition to the trim drag due to asymmetric thrust. This trim drag may be removed by subtrsctlng wind 
tunnel meaaured trim drag increments from the flight test drag level. As can be aeen from the data for the 
various polar» in Figure 71, the scatter band can amount to as much a* SZ for drag data obtained In this 
fashion. 

Figure 72 presents several polar» obtained from stabilised level flight. These data were cor- 
rected for accelerations or altitude changes which occurred during data acquisition. As cw be seen, the 
drag data obtained In thla manner exhibit aignlficantly less scatter than those obtained from the engine-out 
climb maneuvers, being in general on the order of one percent. 

The measurement of low speed draj lu ground effect has met with limited success primarily due to 
the fact that steady maneuvers have not been obtained in ground effect. Ground effect data are acquired 
from zero angle of attack ground acceleration rune and at liftoff. The influence of the rolling coeffi- 
cient of friction during the ground acceleration is much stronger than the drag for dynamic pressures st 
jnd below liftoff speed. The dynamics at liftoff introduce a large degree of uncertainty which la com- 
pounded by the uncertainty In lift measurement. In any event, this partlculsr characteristic hss a relatively 
email effect on the takeoff ground roll, and la not s characteristic thst is demonstrated for certification. 

The previous discussion has elaborated on the varloua problems associated with acquiring good 
quality flight teat drag polars. A similar discussion waa presented In Section 4.0 with regsrd to wind 
tunnel dsta. How then, do wind tunnel and flight meaaured polais compare after one has exercised the 
greatest possible cars in insuring high quality data? Two repräsentative comparisons sre shown in Figure 
73 for the DC-10 transport aircraft with two different flsp actings. The tunnel data were obtained from 
high xeynolds number wind tunnel tests and adjusted to full tcale levels ss previously discussed. For the 
lower flap deflection, It can be seen that the wici tunnel la in ve.y good agreement with the flight measure- 
ment throughout the rvnge of lift coefficients. On the other hand, for the higher flap setting, s difference 
in slope for the polars ia observed, in that the tunnel measurement indicates a slightly lower dreg due it 
lift than measured in flight. As previously discussed, the wind tunnel levels of drag are quite sensitive 
to tunnel wall corrections and to system support interference tarea; these effects could be the cause of the 
slight discrepancy in the alope of the polars. At sny rate, this discrepancy ia stall, and for this parti- 
cular comparison the polare croes st the Cj_ of Interest, the CL for V2 speed.  It is the general 
experience at the Douglas Aircraft Company that for transport aircraft, the high Reynolds number derived 
low speed high lift drag polars are In good agreement with flight measurements, indiesting thst the wind 
tunnel provides s very good indication of the drag characteristics to be expected in flight. 

The final accounting occurs when the correlations between r.rginal estimated characteristics and 
flight measurements sre made.  If the original estimation is made baaed on high Reynolds number wind tunnel 
measurements, s high chance for succaaa Is indicated. This is in general not always the caae. Conaiderable 
wind tunnel development work may occur after a guarantee is made on an airplane, auch that the performance 
characteristics may be baaed on estimation methods such aa thoae previously discussed.  Severe penalties 
may be lmpoeed if guaranteed performance is not met; on the other hand, having too much conservatism built 
into the predictions could result in underselling the potential of the aircraft, or in fact, penalizing it 
unnecessarily due to over-ueslgn.  it is desired to provide an estimate which will in the end agree very 
closely with the final flight demons tratlcn. 

Comparisons sre made in Figure 74 of estimated and flight measured polars for the DC-10. The 
estimated polars were built up entirely by the previously discussed methods.  For the lower flsp setting, 
the estimated level Is in good agreement throughout the range of lift coefficients with s slight amount of 
conservatism In the estimate amounting to about one percent at the C,  for V, speed.  For the higher 
flap setting, the polars have slightly different slopes such that the estimate has overpredlcted the drag 
at lower G 'B and underpradlcted at the higher c 'a . The difference st the Cj_    for V2> is however, 
negligible. L 

6.0 ASSESSMENT OF PRESENT STATE-OF-THE-ART 

From the previous discussion concerning the various methods available for estimating airplane 
characteristics, It becomes clear that a vide range of methods exist from full three-dimensional analytical 
tools to two-dimensional ones with empirical adjustment!, to three dimensions, purely empirical approaches, 
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and In SOB« Instances no method beyond direct application cf the wind tunnel data available for the appro- 
priate geometry.  A summary of the various types of available methods is shown in Figure 75.  In general, 

it can be concluded turn ehe full analytical treatment of low speed high lift characteristics does not pre- 

sently exist. A large portion of the high lift characteristics is strongly dominated by viscous effects, 
such as the parasite drag increments due to high lift system deflection, and more particularly, maximum 
lift. 

What then, do we presently have? The area of high lift characteristics most amenable to analytic 

treatment Is the lift prior to stall. This la basically because for well designed high lift systems there 
Is no flow separation and viscous effects do not dominate the flow picture. For these cases, lnviscid 

representation of the flow provide a reasonable approximation; the slight viscous effects in the absence of 
flow separation are compensated in lifting surface theories by some extent due to the neglect of thickness 
effects. It has been shown that sophisticated lifting surface theories can do a reasonable Job of pre- 

dicting lift curve slop-, and the lift increment at constant angle of attack due to flap deflection. With 

regard to the latter characteristics, far more sophisticated two-dimensional approaches can be brought tc 
bear on the problem. Potential flow solutions exist which can calculate the exact potential flow for multi- 

element airfoils of arbitrary shape. Appropriate boundary layer solutions are available which can modify 

the potential flow solutions for viscous effects, in the absence of separated flow regions. While these 
methods provide quite remarkable levels of accuracy for a variety of high lift geometries, they are limited 

to two-dimensional flows, and therefore require a certain degree of empiricism to adjust to three dimensions. 
This capability provides a good degree of accuracy in estimating lift lncremen». due to flap deflection. 

The various lifting surface theories can also be applied with some success to the estimation of 
pitching moment characteristics. The pitching moment at zero lift and the slope of the pitching moment 
curve can be estimated with reasonable accuracy for the clean configuration, although the Inability to accu- 

rately treat 'ueelage effects can cause a loss In accuracy. Depending on the extent to which the lifting 
surface theo.y can provide details of the chordwise pressure distribution, the pitching moment due to flap 

deflection can be estimated, though with 1 mited success. The various lifting surface theories provide a 
good description of the span loading characteristics of wings with flaps deflected, and with fuselage 
effects. This implies that the resulting calculated Induced drag with flaps deflected la then correct. 

What then are the shortcomings of present methodology? The determination of the drag increments 
(aside from Induced drsg) due to high lift devices is presently dependent either on highly empirical tech- 

niques, or in some instances, directly on the wind tunnel. It is doubtful that this problem will ever be 
completely amenable to analytic treatment, due to the many non-aerodynamic shapes present in the flow with 

lift devices extended. However, the development of fully three-dimensional boundary layer solutions should 

lend a sound analytical backing .to the estimation process. A further benefit of the availability of such 
a method is the provision of a more fundamental understanding of the associated flow phenomenon which must 

ultimately lead to Improved high lift system design. 

Much the same situation exists with regard to the estimation of maximum lift coefficient. There 

is some soundness to the estimation process for the maximum lift for the basic wing, though this must be 

fortuitous to some extent.  The ability to analytically calculate the maximum lift for wings with arbitrary 
multi-element hi«h lift systems depends again on the development of full three dimensional viscous tools. 

The problem does not stop here, however. Analytical modeling must be developed for separated flow regions, 

since maximum lift will frequently occur with significant amounts of flow separation present on the geometry. 
At present, this is a formidable enough taak for two dimensions, and it seems reasonable to assume that the 

solution for arbitrary three-dimensional wings will be correspondingly more difficult. 

Many highly complex problems such aa Mach number effects and interference effects do not seem 

amenable to analytic treatment in "he near future.  In the final analysis one must resort to the wind tunnel 
for a realistic assessment of the uiagnitude of these effects.  Experience has shown that low speed high lift 
characteristics, including Interference effects can be assessed in the wind tunnel, provided the Reynolds 

number is sufficiently high.  On the' contrary, low Reynolds number testing may give misleading character- 
istics. 

A particular problem aree which was not addressed In the main text of the paper concerns the lack 

of availability of analytical tools for estimating low speed high lift characteristics of low aspect ratio 

highly swept thin wings associated with configurations such as supersonic transport aircraft.  Experimental 
studies (References 38, 39) hsve shown that even at low angles of attack, the flow over such wings separates 
from the leading edge and rolls up Into spiral vortex sheets, as shown in the sketch of Figure 76. As dis- 

cussed in Reference 39, flow attachment lines have been observed inboard of the vortex sheets and indicate 

that the air is drawn over the vortex sheets and accelerated downward.  The result of this flow phenomenon 
is a strong departure from characteristics predicted by ordinary lnvlmid considerations.  The presence of 

the vortices induce strong local suction peaks which result in an Increase in lift, usually referred to as 

vortex life, relative to that predicted by linear theory. This increase in lift can be equivalent In magni- 
tude to the basic potential flow lift, as shown In Figure 76 for a 75* swept sharp leading edge delta wing. 

This drastic change in loading can significantly alter the pitching moment characteristics depending on the 
wing geometry.  The Increase in lift may be desirable In some Instances to help offset the low lift curve 

slope asaociated with low aspect ratio wings; there is, however, an attendant Increase in drag due to the 

loss of leading ed^e suction resulting i'roa the leading edge separation.  The magnitude of this drag incre- 
ment can be seer, in Figure 77, obtained from Reference 40, for a 60* delta wing.  The drag due to lift, ACQ, 

as experimentally measured is compared to the theoretical upper and lower bounds of drag due to lift. The 
lower bound, 100Z leading edge suction, results from drag due to lift for an elliptic loading and is 

CL2 
iCD * 7* 

The upper bound Is for the complete loss of leading edge suction; in this instance the resultant force acts 
normal to the zero lift line of the wing, or in the case of a flat wing, normal to the surface, and so the 

drag is simply 

aCD - CL tan a . 
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Th« experimental drag lias in batman these boundaries, indicating that there la a significant loss of 
leading edge suction. 

A vary simple approach to calculating the lift and drag characteristics in the presence of lead- 
ing edge vortex flow vaa postulated by Polhaaus  (Reference 38).    The basic assumption of the method Is that 
the presence of vortex flow creates a force normal to the wing chord which Is equal In magnitude to the 
leading adge auction force which Is predicted by potential flow theory.    Underlying this Is the baalc assump- 
tion that the t< force acting on the wing aaaoclated with the preasures required to maintain the equilib- 
rium of the flow over the separated apiral vortex sheet la essentially the same aa the laadlng edge suction 
fores associated with the leading edge pressures required to maintain attached flow around a leading edge 
radlua.    The flow pattern In both cases is somewhat similar, except that for the aharp leading edge-separated 
flow condition, the force acting on the wing will act primarily on the upper surface rather than on the lead- 
ing adge.    Rhateley, at al. Reference 41, have extended this concept to wings of mors complex planform by 
aaaumlng the normal force introduced by a aaparated tip vortex on the aide of a wing with a finite tip la 
identical to the tip auction force on that aide. 

The application of this remarkably simple ao called "leading adge auction analogy" leads to a 
very good accuracy in eetimatlng the lift and drag characteristics fjr flat wings with sharp leading adgea. 
The resulting estimated lift and drag charactarietlce,  for example, for an aapect ratio 2.0 delta wing are 
seen to be in good agreement with experimental values, as seen in Figure 78.    At the very high angles of 
attack, the teat v.Uuea of lift are seen to ultimately fall below the predicted levels.    This results from 
s breakdown of the vortex flow, which ia initiated at some point in the wake downstream of the wing trailing 
edge, and moves urwsrd aa the wing angle of attack la lncreaaed. 

The shortcoming of this "leading adge sue-ion analogy" method la that it la limited to wings with 
sharp leading adgea, and aero twlat and camber.    In general, wings aasoclatad with supersonic transport con- 
figurations will be highly twisted and cambered from auperaonlc cruise drag minimisation considerations 
and, from low speed consideration», will possess some leading adge camber and radlua, either inherently, or 
aa a result of mechanical devices.    Depending on the raqulr«—nts, there may be trailing edge flapa intro- 
ducing additional camber.    The presence of a finite leading edge radlua may permit the attainment of partial 
leading adge auction.    An additional limitation, whether for plane or cambered surfaces is that the chord- 
wise distribution of the analogous leading edge vortex normal force la not known;  this limits the applica- 
tion of the approach in computing pitching moment characteristics.    An assessment waa made of the appli- 
cability of this method to wings with twist and camber, and with non-sero leading edge radii. 

To accomplish this assessment,  the low speed characterlatica of a highly cambered 72* swept low 
aapect ratio wing-fuselage combination were calculated and compared to experimentally measured results. 
The baaia of the potential flow solution Is the vortex lattice lifting surface theory of Lamar and Margaaon 
(Reference 5).    In thla scheme up to 120 horseshoe vortices are used to describe ths wing-fuselage-tall 
lifting system.    The configuration Is divided into a number of panala  (one horsesho* vortex per panel) and 
the distribution of horseshoe vortex strength la calculated to aatiafy a no-flow condition through the mean 
line of the configuration at the 3/4 chord point on the median of each panel.    T.ils distribution of circu- 
lation along with the calculation of leading-edge auction permits the calculation of lift, drag, and pitch- 
ing momenta. 

TV.     .lculated and experimental results are shown in Figures 79 and 80 for a clean configuration 
and a hlgl. litt configuration respectively.    The aaaoclated wing planform and paneling uaed in the lifting 
aurface theory are ahown aa Inset sketches.    To simulate the flapa in the Lamar Margaaon program,  the camber- 
line alopea of several panala were adjusted to represent the deflected flapa.    As the apanwiae poaltlonlng 
of the paneling did not exactly coincide with that of the flapa, paneling waa utilised to provide equivalent 
area and apan of the actual flapa. 

The calculated characteristics are presented both with and without vortex lift.    As can be aeen 
in Figure 79,  the Initial lift curve slope for the purely Inviscld case is In reasonable agreement with the 
experimental results; however, the experimental data rapidly depart fro» the linear characteristics,  exhi- 
biting e classical example of leading edge vortex formation.    The addition of the calculated vortex lift 
is.remant to the inviscld level provides remarkably good agreement with the experimental level.    The experi- 
mental drag at aero lift has been added to the calculated drag due to lift in both caaaa for comparative 
pt:-poses.    The exclusion of any leading edge vortex effects results in s drag due to lift considerably laaa 
thtin the experimental level as would be expected since this represents only the Inviscld Induced drag for 
the appropriate loading.    Adjusting ths drag level to the sero leading edge auction level according to the 
leading edge auction analogy results in closer agreement with experiment.    The calculated level la somewhat 
higher than experiment which may be due to the maintenance of aoms leading adge suction, or may be due in 
part to '.he inability of the method to establish the direction In which the analogous leading edge auction 
force, and the aaaoclated drag,  la acting for highly twisted and cambered aurfacea. 

Because the leading edge auction analogy does not provide any detaila about the chor-iwlse distri- 
bution of  the flow,   the moment calculations are necessarily ahown only for the Inviscld solution.    As can 
be aaen at the lower lift coefficient,  the elope of ths calculated moment curve la In fair agreement with 
the experimental level, although the level of sero lift pitching moment Is in rather poor agreement. 

Similar cornssnts spply to the correlstion shown in Figure 80 for the flapa deflected caae.    In 
general,  there la a larger departure of the calculated level  from the experimental values  than for the 
no-flaps csae.    Thla may,  In part,  be due to the flap paneling approximation In the vortex-lattice wing 
model, but more significantly is probably due to the inability of the leading-edge suction analogy to 
handle cambered and twisted aurfacea.    Another primary problem with the leading-edge suction analogy ia 
that it la directly related to the level of lift present in the system.    That  la,  the actual intent of  the 
analogy was for application to aharp leading edgea, ao that full loaa of leading-edge auction occurs at 
the onset of any lift, however small.     '"> provision is allowed for maintenance of e aubatantlal portion of 
leading-edge suction as in the caae of  cambered leading edgas. 

The inability of various methods  to accurately calculate the drag due-to-lift  la graphically 
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presented In Figur* 81.    For this summery the relatively slmplo case of a clean wing with no leading or 
trailing edge high lift devices was utilized, which la the same geometry aa that In Figure 79.    The upper 
chart presents,  for convenience, the classical upper and lower boundaries of full and zero leading-edge 
auction respectively.    As seen, through the high    CL    range, most of the leading-edge suction has been 
loat.    Various analytical solutions sre presented in the lower figure;  the leading-edge auction analogy 
provides the closest agreement with experiment.    The near field solution was obtained from Reference 3, 
using the lifting aurfaca theory of Woodward;  It would be expected that thia calculated drag would be sub- 
stantially lower than the experimental level, which is clearly not the case.    This is due to an inability 
of the Woodward solution to completely describe the leading edge suction peak, with a consequent overly 
pessimistic near-field solution to the drag.    The Trefftz plane solution was obtained utilizing the span 
loading from the Woodward program.    One additional level is shown using an airplane efficiency factor,     '*' 
of 0.8.    Thia value waa calculated from the empirical method previously discussed.    Clearly none of these 
approaches provide any high degree of accuracy for calculating drag due-to-lift. 

In order to address this problem In the analytical sense,  fully three-dimensional potential and 
viscous flow tools are needed.    The too.'a for calculating three-dimensional lifting potential flow character- 
istics for arbitrary configurations slrsady exist in the state-of-the-art;  the Douglas three-dimensional 
lifting Neumann program (Reference 42) la an example of this type of method.    The three-dimensional Neumann 
program is an exact method sines no approximations are made in the baaic formulation aa is done in both 
small-perturbation and lifting surface theories.    This approach consists of representing the configuration 
by appropriately distributed panels.    The configuration is separated into varloua sections such as wing, 
fuselage, horizontal and vertical tail, which can be designated lifting or non-lifting;  i.e., a fuselage 
la assumed to be non-lifting while wings,  tsils, etc. ere considered lifting.    The elements which make up 
the sections are then used to locate distributions of sources and doublets to generate the desired potential 
flow solutions.    Each lifting section must, in addition, have an associated semi-infinite wake. 

The extent to which this potential fluw method can describe the local details of the flow on s 
highly swept wing is Indicated In Figures 82 snd 83, utilizing experimentally measured surface pressures 
on the 72* swspt wing of Reference 43. 

Figure 82 presents a correlation of the msaaured and theoretically calculated pressure distri- 
butions at a relatively low angle of attack prior to the onset of any flow separation.    The character of 
the preesure distribution is represented quite well by the Neumann potential flow solution,  particularly 
on the outer panel wherein the leading edge is highly loaded.    It Is noted that tne mid-span station has 
not been represented in the Immediate vicinity of the leading edge,  aa contrasted to the other stations. 
This may be due to the formation of a local separation bubble and subsequent »attachment, or it nay be 
that a more eccurate paneling repreaentation of the leading edge la required.    In contrast to this corre- 
lation is one presented In Figure 83 at a high angle of attack wherein viscous effects are predominant. 
On the inboard end,  the level of loading la seen to be reduced relative to the potential flow solution even 
though the flow has not separated.    This is due to the decamberlng effect resulting from the boundary layer 
displacement thickness, which Increases with Increased loading.    On the outboard end of the inner panel, a 
draatlc departure of the flow from that predicted by the potential flow solution is evident.    This is very 
clearly due to the formation of the leading-edge vortex,  centered about 20Z aft of the leading edge.    The 
departure from potential flow Is even more evident on the outer panel.    The vortex flow Is strongly evident 
on the inner portion of the panel, and complete fiow separation is present on the outer portion. 

An attempt to analytically model the flow pattern such as that shown in Figure 83 presents a for- 
midable challenge to the theoretician.    This requires a fully three-dimensional boundary layer method, 
which coupled with the existing potential flow solution can provide the initial key to the problem,  namely 
to establish the conditions which cause the flow to breakdown at the leading edge.    Once this phenomenon is 
understood,   then analytical methods must be developed to model the vortex flow snd the sepsrsted flow. 

■ The development of analytical techniques to determine high lift characteristics in the preence 
of vortex flow will serve two strong purposes. Firstly, the lack of even sound empirical techniques Cv.*- 
rently results in a strong dependence on wind tunnel data for estimating these characteristics; the avail 
sbility of suitable analytical toola will reduce this dependence. Secondly, the methodology will provide 
a more fundamental understanding of the leading edge vortex flow phenomenon, which can lead to Improving 
the design of lsading edge devices. 

It  ippears  that the assessment of the state-of-the-art of estimating low speed airplane character- 
istics whether for supersonic  transport configurations or more current aircraft,   reveals  that significant 
improvements In sophistication  In the future will be strongly dependent on development of fully  three- 
dimensional viscous analytical  tools.     In effect,   this desired goal  is one of schieving a mathematical wind 
tunnel.    The potential flow solution for arbitrary three-dimensional lifting geometries  Is basically v.thin 
the state-of-the-art.    The three-dimensional boundary layer solution Is  less  than complete at this point. 

In many  instances  the potential  flow solution can provide a good representation of  the three- 
dimensional flow field.     In other lnstancej,  the viscous effects 'Jill predominate the  flow picture and 
ignoring these effects will significantly overpredlct the characteristics,  as shown,  for example,   in Figure 
84 which presents s comparison between an lnviscld span  loading and an experimentally measured one for a 
45* swept wing.    While the full three-dimensional viscous solution is not yet available,  a   somewhat crude 
attempt to adjust the lnviscld pressures for the effects of viscosity was made.    This was done by utilizing 
s blowing technique in the potential  flow solution to simulate the effect of adding the boundsry layer dis- 
placement  thickness  to the basic wing geometry.    This approach was  crude In the s**?se thst  the boundary 
layer displacement thickness used in the analysis wss obtained from a two-dimensional method.    As can be 
seen In Figure 84,   the sgreement between calculated and experimentally measured spanwlse and  chordwlse 
loading along the entire span was substantially improved,  even by  this approximate viscous correction. 

In the final analysis,  of course,   the full  three-dimensional boundary layer equations must be 
solved.     Certain special cases of  this hsve already been solved,  such as  the boundsry  layer  equations  for 
small  cross  flow  (Reference 44).     In this approach  the boundary  layei  equations are solved along a stream- 
line  (Figure 85).    The coordinate system is an orthogonal one formed by  the  lnviscld streamlines and their 
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orthogonal trajectories on the aurface. As seen in Figure 85, the projection of the free-stream velocity 
vector on the surface Is aligned with the surface coordinate x. The velocity component along the z-axis, 
referred to as the cross-flow velocity, is zero at the edge of '.he boundary layer. For a three-dimensional 
flow, the velocity vector at any y-location in the boundary-layer differs in direction from the freestreaa 
vect.r when both are '.rejected on the aurface, in which case the crossflow velocity w within the boundary- 
layer differs from zero, except at the wall. For the special cape of small crossflow the solution of the 
three-dimensional boundary layer equations can be simplified by assuming that the crossflow terms and the 
lateral derivatives are small relative to the streamwise terms. These equations can be readily solved using 
numerical techniques given in Reference 45. This small crossflow solution, while relativ«'v new, should 
find accurate application in boundary layer solutions for wings of moderate sweep and nig   pect ratio. 

Eventually, this approximate solution will be replaced by a new three-dimensional boundary layer 
routine currently under development by Dr. Cebeci (Reference 46). This new method will make none of the 
simplifying assumptions made in the small crossflov solution, and will actually solve the complete three- 
dimensional boundary layer equations. 

The solution of the various two- and three-dimensional inviscld and viscous flow problems have 
been made possible by the advent of new numerical techniques such as those of Cebeci and Keller (Reference 
45), coupled with major advancements in computer technology. Until recently, computing times would have 
been prohibitive for many of thsse problems, whereas today, calculation times are small enough to permit 
these complex programs to be used as every day design tools for aerodynamic designers. 

In addition to the mathematical complexities which must be overcome in order to develop complete 
three-dimensional flow solutions, the problem of associated computing costs is also relevant. It is granted 
that the enormously lncreaaed capacity of modern digital computers has permitted the solution of problems 
which s decade or so ago could not be solved. The indications are that computers in the future will be even 
faster. However, these faeter computers are more costly, and the unit cost per given solution may not 
necessarily be reduced. An indication of the cost of computerized solution» for different inviscld- flow 
solutions can be seen in Figure 86. The cost is presented as a function of the complexity of the program; 
simple lifting line methods which define a wing surface with very few elements are virtually Insignificant 
in cost. However, full three-dimensional potential flow solutions requiring one thousand or more elements 
msy become quite expensive. Indeed, it can be en.ialoned that three-dimensional viscous flow solutions for 
several flow conditions, could result in computer costs which are of the samt order of magnitude as an appro- 
priate wind tunnel test. 

Neither the computer nor the wind tunnel will replace each other; it is rather that increasingly 
sophisticated methods requiring more complex computer programs will serve to reduce the reliance on the 
wind tunnel and at the same time provide more fundamental understanding of the flow phenomenon. In the 
final analysis, it is the combined application of all of these tools, coupled with sound judgement by the 

er, which provides the most realistic estimation of low speed aerodynamic characteristics. 
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FIGURE 5.  SENSITIVITY OF TAKEOFF FIELD LENGTH TO 
CHANGES IN LIFT 
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FIGURE 6.  SENSITIVITY OF TAKEOFF FIELD LENGTH TO 
CHANGES IN DRAG 
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CLEAN CONFIGURATION 

 — — WIND TUNNEL DATA 

CALCULATED. 
GIESING VORTEX 
LATTICE LIFTING 
SURFACE THEORY 

ANGLE OF ATTACK. DEGREES 

FIGURE 14.  COMPARISON OF CALCULATED AND EXPERI- 
MENTAL LIFT CURVES. MODEL DC-9 
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FIGURE IS.  COMPARISON OF CALCULATED AND EXPERI- 
MENTAL LIFT CURVES, MODEL DC-10 
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FIGURE 16.  CORRELATION OF PRESSURE-RECOVERY 
PARAMETER FOR LOFTIN SECTION ci 
CRITERION 'MAX 

m- • - ■-   -       -'••■-■■■"-—liiurllii iT  '" '*- ^^"- 



2-28 

ftKVMS» v;-«!«B«W»»i 

- — lOFTIN CMTBMON 

MNO THICKMH «AT«. tJc 

FIGURE 17.  COMPARISON OF EXPERIMENTAL AND CALCU- 
LATED SECTION c/        USING LOFTIN CRITERION 

FOR NACA 44XX AIRFOIL SERIES 
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FIGURE 18.  COMPARISON OF EXPERIMENTAL AND CAL- 
CULATED VALUES OF c 

MAX 
USING DATCOM 

O  IXPffllMittTAL DATA.  Mil AiUFOiL 

■^— POTlNTIAL FLOW »NAI.VSW 

ANCLI O ATTACK - MOMU 

FIGURE 19.  COMPARISON OF EXPERIMENTAL AND ESTI- 
MATED LIFT CURVES USING METHOD OF 
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•J      A*      ••      •*      !• 

FIGURE 24.   FLAP-CHORD FACTOR FROM DATCOM 

FIGURE 25. SPAN FACTOR FOR PART-SPAN FLAPS 

FIGURE 26. COMPARISON OF EXPERIMENTAL AND CAL- 
CULATED VALUES OF THREE-DIMENSIONAL 
LIFT INCREMENT DUE TO FLAP DEFLECTION 

—     -  —— -      ■   ■■■      i  



2-31 

- - MIOICATIS FLA» WILL 
»AN UMD IN TKIOMTICAL 
lOLUTtOM 

—^- tWIIIIMINTAL DATA 

0        -42       -a«       -Of 

««LI Or ATTACK - DtOMIS 

FIGURE 27.  COMPARISON OF EXPERIMENTAL AND CAL- 
CULATED SECTION CHARACTERISTICS FOR 
SLATTED AIRFOIL WITH TRAILING EDGE FLAP 
AT O-DEG AND 15-OEG DEFLECTION 
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FIGURE 28. COMPARISON OF EXPERIMENTALLY 
MEASURED AND POTENTIAL FLOW LIFT 
INCREMENT DUE TO FLAP DEFLECTION 
FOR THREE DOUBLE SLOTTED FLAPS 
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FIGURE 29.  COMPARISON OF EXPERIMENTAL AND 
CALCULATED LIFT INCREMENT DUE TO 
FLAP DEFLECTION FOR MODEL DC« 
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FIGURE 30.  COMPARISON OF EXPERIMENTAL AND 
CALCULATED LIFT INCREMENT DUE TO 
FLAP DEFLECTION FOR MODEL DC-10 

FIGURE 31.  COMPARISON OF EXPERIMENTAL AND CAL- 
CULATED SECTION C/MAX INCREMENTS DUE - 

THE DEFLECTION OF TRAILING EDGE FLAPS 
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FIGURE 34.  EXPERIMENTALLY MEASURED LEADING EDGE 
MINIMUM PRESSURE COEFFICIENT AT c/ 

FOR A VARIETY OF TWO-DIMENSIONAL 
HIGH-LIFT CONFIGURATIONS 
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FIGURE 45.  AIRPLANE FORCES FOR STATIC LONGITUDINAL 
FLIGHT 
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FIGURE 46.  SENSITIVITY OF TRIM DRAG TO PITCHING 
MOMENT AND DOWNWASH 
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f IGURE 49.  COMPARISON OF ESTIMATED AND WIND TUNNEL 
DRAG REDUCTION DUE TO GROUND EFFECT - 
FLAPS UP 

urrcatmatNtMw "io -c,' 

FIGURE 50.  COMPARISON OF ESTIMATED AND WIND TUNNEL 
DRAG REDUCTION DUE TO GROUND EFFECT - 
FLAPS DEFLECTED 

LlfT COEFFICIENT SQUARED 

FIGURE 51.  BUILDUP OF DRAG POLAR FOR HIGH-LIFT 
CONFIGURATION 
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FIGURE 52.  COMPARISON OF CALCULATED AND tXPERI- 
MENTAL CHORDWISE LOADINGS ON A 4b 
DEGREE SWEPT PLANAR WING USING LIFTING 
SURFACE THEORIES 
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PITCHING MOMENT COEFFICIENT. C 

FIGURE 53.  COMPARISON OF CALCULATED AND EXPERI- 
MENTAL PITCHING MOMENT CHARACTERISTICS 
FOR A 45-DEGREE SWEPT PLANAR WING USING 
LIFTING SURFACE THEORY 
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FIGURE 56.  COMPARISON OF EXPERIMENTAL AND THEORET- 
ICAL INCREMENTAL PITCHING MOMENT DUE TO 
FLAP DEFLECTION FOR A SWEPT WING- 
FUSELAGE CONFIGURATION 
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FIGURE 57.  COMPARISON OF EXPERIMENTAL AND ESTI- 
MATED PITCHING MOMENT CHARACTERISTICS. 
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FIGURE 58.  MCDONNELL DOUGLAS TWO-DIMENSIONAL 
HIGH-LIFT WIND TUNNEL FACILITY 
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FIGURE 59.   EFFECT OF WIND TUNNEL WALL BOUNDARY 
LAYER CONTROL ON TWO-DIMENSIONAL LIFT 
CHARACTERISTICS 
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FIGURE 60. WIND TUNNEL TARE PROCEDURE FOR SUPPORT 
MOUNTED MODEL 
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FIGURE 76.   ILLUSTRATION OF THE VORTEX LIFT FOR A 
75-DEGREE DELTA WING 

— — —      ZERO LEADING EDGE THRUST 

O       EXPERIMENTAL DATA 

i 100-PERCENT LEADING EDGE THRUST 

0.4 ,- 

FIGURE 77.  DRAG DUE-TO-LIFT FOR A 60-DEGREE DELTA 
WING 

-* 1 I     -2ERO LEADING 
yf   EDGE THRUST   | 

(NO VORTEX LIFT» 
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FIGURE 78.  COMPARISON OF EXPERIMENTAL AND CAL- 
CULATED LIFT AND DRAG CHARACTERISTICS 
FOR ASPECT RATIO 2 DELTA WING, USING 
POLHAMUS LEADING EDGE SUCTION ANALOGY 
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FIGURE 82.  COMPARISON OF CALCULATED AND EXPERI- 
MENTALLY MEASURED PRESSURE DISTRIBU- 
TIONS FOR A 72-DEGREE SWEPT WING: 
a - 4.7 DEGREES 

FIGURE 83.  COMPARISON OF CALCULATED AND EXPERI- 
MENTALLY MEASURED PRESSURE DISTRIBU- 
TIONS FOR A 72-DEGREE SWEPT WING: 
a - 14.61 DEGREES 
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FIGURE 84.  COMPARISON OF CALCULATED AND EXPERI- 
MENTAL LOADINGS ON A 45-DEGREE SWEPT 
TAPERED WING AT 8-DEGREE ANGLE OF 
ATTACK 
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FIGURE 85.  THREE-DIMENSIONAL BOUNDARY LAYER 
PROFILE ALONG A STREAMLINE 
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WING ♦ FUSELAGE 

THREE DIMENSIONAL LIFTING 
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FIGURE 86.  COMPUTING COST FOR THREE-DIMENSIONAL 
POTENTIAL FLOW SOLUTIONS 
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A REVO» OP IHK LOT-SPEBD AERODYNAMIC CHARACTERISTICS OF AIRCRAFT WITH POTERHMJJT SYSTEMS 

0 N FOSTER, ROIAL AIRCRAFT ESTABLISHMENT, BEDFORD, ENGLAND 

staousr 

The «1M of this paper 1* to review the aerodynamic characteristics of a number of different configura- 
tions of fixed-winged aircraft «1th powered-Uft systems, but excluding those configurations employing 
direct jet-lift, and to dlaousa methods of predicting these characteristics.    Detailed oonsideretion Is 
given to alroraft employing boundary-layer control, and with Jet-flaps, the latter involving internal blov- 
ing, external blowing fro« undenting and overwing engines, end eugaentor systems.    The paper also Includes 
a discussion of spanwiae blowing and other specialised devices. 

Wherever possible, consents have been wade on the aerodynamic characteristics in ground effect as well 
a« in ff air.    Sows aapeota of the noise problem which are directly related to the particular powered-lift 
system under disouaslon have been highlighted. 

LIST OF SYMBOLS 

AR 

•1 

b 

"BUS 

\ 

\ 

\ 

"IP 

"IP, 

oC. 

oCT 

wing aspeot ratio 

wing lift-lncldenoe curve slope In 
lnviacid flow 

wing span 
aoaentua coefficient, based on local 

conditions at slot exit 

drag coefficient 

theoretical lift-dependent drag coefficient 

drag coefficient derived using wake-surrey 
taohnlque 

boundary-layer drag coefficient 

Increment in lift-dependent drag 
coefficient due to part-span flaps 

overall Jet aoaentua ooeffioient,lncludlng 
turning and spreading losses (external- 
flow Jet-flap) and augmentation effects 
(sugaentor systeaa) 

lift coefficient 

lift coefficient resulting from pressures 
induced by angle of incidence 

lift ooeffieient resulting fro« pressures 
induced by Jet deflection 

* triaaed lift coefficient 

Increment in lift coefficient due to 
ground effect 

Increment In aaxlaua lift coefficient 

AC. 
■ton 

lnor ent in triaaed lift coefficient 

0 wing ohord 
Ö wing mean chord 

°f rear flap ohord 

°a nose flap chord 

00 

Increment in lift coefficient in two- 
dimensional inrlsoid flow 

ci 
rolling moment coefficient 

% 
rolling moment derivative due to angle 
of sideslip 

% 
rolling moment derivative due to rate 
of ohangs cf angle of sideslip 

c. pitching moment coefficient 

\ 
yawing moment derivative due to yatlng 

velocity 

\ 
CT 

TG 

»*eff 

\ 
c 

"R 

D 

d 

F 

h 

h n 

K1 

h 
I 

P 

PR 

yawing moment derivative due to angle of 
sideslip 

yawing moment derivative due to rate of 
change of angle of sideslip 

static-pressure coefficient 

static-pressure coefficient at slot exit 

^V~S quantity flow rate coefficient 

quantity flow coefficient for attached flow 

thrust coefficient 

gross-thrust coefficient 

axial force coefficient 

blowing aoaentua rate coefficient at slot a 

"V*p-Vs 

blowing ooeffieient for attached flow 

effective blowing momentum coefficient leaving 
wing trailing edge 

blowing momentum coefficient at nose flap 

blowing momentum coefficient at rear flap 

drag force 

diameter of hole in suction surface 
aspect-ratio conversion factor for lift 
height of mean quarter-chord point above 

ground 
width of slot nozzle 

wing lift-dependent drag factor 

part-span flap lift factor 

lift force 
lift ratio » lift in ground effect/lift in 
free air 

distance from mean quarter-chord point of 
wing to mear, quarter-chord point of 
tallplane 

blowing or suction mass flow rate 
free-stream Mach number 

augmentor mass flow rate 
supercirculetLon factor for lift 

nozzle pressure ratio 
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t radius of flap knuckle 

B_ Reynolds oator 

r thrust recovery factor 

S wing iiw 
&f wing area oorrespondiog to spanwise «rUnt 
1 of flop 

?_ static thrust force o 
t wing tbloknoss 
U cylinder peripheral velocity 

Vj jot velocity 

V free-stream velocity 

z distance aeasured «long chord from wing 
loading odg« 

y distance measured along span froa fuselage 
oontra lino 

a distance fron top of fuselage to Man 
quarter-chord point of tailplane 

fi, fz 

*R 

e 
A 
X 

* 

angle of lnoldenoe 
angle of sideslip 
deflection angle of aileron 

deflection angle of flap 

deflection angle of fore and rear flap 

deflection angle of jet 

defleotlon angle of nose flap 

deflection angle of rear flap 

downwash angle 
aweepback angle 
wing taper ratio 
part-span conversion factors for lift 

free-strssa flow density 

thrust eugaantatlon ratio 

SUPERSCRIPT '    signifies that value is appropriate 

TPFn •> signifies that mine is appropriate 

to sectional conditions 
to two-dimensional flow conditions 

1        INTROflOCTICH 

There are a wide variety of wathods by whloh the power of a gas turbine engine can be wade to interact 
with the flow around a wing to Increase the circulation lift on the wing.   Power nay be extracted fron the 
engine in the fora of abaft drive, as a.flow of air to or fron the compressors, or by direct utilisation of 
the efflux of the engine.    SOB» of these methods, whloh fora the basis of this paper, are shown on   Figure 1. 
It will be noted that blowing systems predominate over suction systems, reflecting the faot that this is 
where the main Interest has been In recent years. 

The systems which require the least power to be extracted from the engine are those which aim to anhleve 
boundary-layer control; that is to suppress separations of tike boundary layer which would otherwise occur on 
leading- or tniling-edge flaps.    The flaps are generally of the plain variety, hinged about a point on the 
lower surfaoe of the wing.    Boundary-layer control may be achieved by blowing through a spanwise slot In a 
downstream direction tangential to the local wing surface either ahead of, or within the flap knuckle. Figure 
1(a); the high energy flow re-energises the existing boundary layer, end enables it to negotiate the strongly 
adverse pressure gradients which exist around the flap knuckle.    The air required for blowing may be obtained 
froa the compressor of the main propulsion engine.    Alternatively boundary-layer control may be achieved using 
suction to remove part or all of tie existing boundary layer, ao that a new boundary layer is created which 
is able to negotiate the adverse pressure gradients.    In practioe this is realised either by suction through e 
slot in the wing surfaoe ahead of the flap knuckle, or by suction through a porous area, Figure 1(b).Power for 
the suction plant may be obtained by a shaft offtake from the engine.    Other systems to achieve boundary-layer 
control, which have not been subjected to such extensive experimental and theoretical investigations, include 
the rotating cylinder flap, in which the flap knuckle is replaoed by a cylinder which, if rotated sufficiently 
rapidly, increases the speed end hecoe the energy of the boundary layer to the point at which it is sola to 
negotiate the adverse pressure gradients.    Spanwise blowing from an orifioe in the side of the fuselage, In 
contrast to the ehordwise blowing shown on Figure 1(a), has also been considered. 

Commensurate   with the low power requirements of boundary-layer control systems is a limit on the maxi- 
num increase of lift that they can produce, corresponding approximately to the lift that the wing would pro- 
duce in an lnviscid fluid.    The system employing internal blowing, Figure l(a),is however, capable of yielding 
steadily increasing values of lift when the momentum of the jet ie increased.    This occurs because the jet is 
then strong enough to sustain s pressure difference across itself, and can be considered to effect the flow 
around the wing as if it were a physical extension of the traillng-edge flap, resulting in en increment to 
the circulation lift which is several times the vertical component of the jet momentum.    Whilst theoretically 
the full jet momentum should be recovered as thrust,  »n .notir; < '_* thrust recovery appears to lie between 
this value and the horizontal component of the jet loment»-..    ihe loss of thrust that this implies,  together 
with the losses in the ducting between the engine a»i the slot, sake up the power requirements of this, the 
Jet-flap system.    Although it has been discussed above in relationship to blowing over a tralling-edge flap, 
the increase in circulation (superclrculation effect) resulting from the jet sheet will, of course, exist 
even if the jet emerges from the trailing edge of the wing, and a number of schemes have been proposed based 
on this concept. 

In order to achieve very high lift coefficients using the internal-flow jet-flap scheme, large quantities 
of air must be ducted to the blowing slot, with attendant ducting problems.    These problems are «voided in 
extemal-flo*  jet-flap schemes, which may be realised either with the engine mounted under the wing. Figure 
1(c), or above the wing, Figure 1(d).    When mounted under the wing, the engine Is positioned close to the 
wing lower surface, end is sometimes fitted with a target-type deflector to ensure that a Jarge proportion cf 
the efflux strikes the lower surfaoe of the flaps, which sre generally of the double or triple slatted 
variety.    The efflux of the engine is deflected downwards by the lower surfaoe of the flap, and also spreads 
spanwise along the flap before being discharged froa the flap trailing edge, so that a jet sheet is formed 
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with • span much gtmeter than the diameter of the nacelle.    Some flow also reach«» tha slot or slots In tha 
flap, and la turned around tha leading edge of tha flap to flow along its upper surface, resulting in boun- 
dary-layer oontrol for tha flow on the flap upper surface.    In general, the efflux flow leaves the flap 
tailing adga in a direotion inclined to the longitudinal plane of syaatrjr, and as only tha component of 
tha afflux «oatentun la the direotion of the plane of syane.ry contributes to the thrust experienced by the 
wing and nacelle, the tuning process itself results in tha major portion of the thrust loss and of the power 
absorbed by this ayatea. 

Tha turning process for tha configuration with the engine installed above the wing, Figure 1(d), is 
rather different, relying ou the Coanda effect.   The upper surface of the flap la therefore smooth, with no 
slots, and with aa large a radius of curvature aa possible.    In order to obtain effective turning the efflux 
from tha angina auat be aade to attach itself to tha upper aurfaoa of the wing, and this may be achieved 
either by deflecting tha efflux downwards by a deflector, or by discharging through a rectangular norsle.    If 
the taming ia effective the jet remains compact with little or no spreading, and the turning losses can be 
lower than for tha undenting engine.   Aa before, the engine efflux produces a boundary-layer control effect 
on the flap upper surface, end is discharged aa a Jet-sheet from the trailing edge, but of a smaller span 
than for the undenting engine configuration. 

The use of Injectors to augment the thrust available has found application in the augmantor wing and 
injector   wing. Figures 1(e) and 1(f).    In the augmantor wing tha primary flow la discharged from a spanwise 
slat into a duct formed by separating the upper and lower halves of the flap.    A Coanda surface at the 
leading edge of the lower aurfaoa of tha flap causes the Jet to turn through the deflection angle of tha 
flap.   A slot in the lower aurfaoa of tha flap Just aft of the Coanda aurfaoa results in the jet becoming 
deteebad from the remainder of the lower surface. In order to reduee the losses incurred when a high velocity 
Jet puses over a fixed aurfaoa.   The upper half of the flap provides the upper wall of tha mixing duot, And 
a slot just aft of the intake results in the boundary layer which has developed on the upper surface of the 
Intake being drawn into Ute mixing duot, so that a new boundary layer Is formed on the downstream element of 
the upper surface, which is able to negotiate the adverse pressure gradients on this surface.    The mixed 
primary and induced fIowa are discharged from the trailing edge of the duot aa a thick Jet sheet, resulting 
In the wing experiencing supercireulatlon lift.    The power requirements of the system are those associated 
with producing and ducting the pri» .TJ air at a pressure sufficiently high to make Hie injector operate 
offactively. 

For configurations requiring lift at very low apeeds it may be preferable to discharge the efflux of an 
Injector from the lower surface of the wing, Figure 1(f), rather than through the flap.    At very low speeds 
tha net thrust vector should then pass through the aircraft centre of gravity, whilst at higher speeds the 
mixed afflux will act in a manner of a jet sheet, though of lower effectiveness than for a Jat discharged at 
the wing trailing edge. 

The aerodynamic characteristics of these systems, and tha methods available for their prediction, will 
now be considered. 

2        BOIHSART-LAYER CONTROL 

The aerodynamic aspects of boundary-layer control by blowing or suction wore admirably anelvaed by 
Williams and Butler in 1963:      some subsequent HAS research waa summarised by Williams in 1966.       The 
intention here Is therefore to oonsider primarily the experimental data and theoretical methods which have 
been published sinoe then. 

a)      BOÜNBART-IAYER CONTROL BY CHORDWISE BLOWING 

The methods proposed by Williams and Butler1 for the estimation of lift and drag are given in Appendix A. 
Naturally, the situation for which analysis of the relationship between the aerodynamic characteristics of 
the flow and tha power expanded by the boundary-layer oontrol system is simplest oocurs in the flow around a 
two-dimensional wing.    Teata^ were conducted by the RAE on a model wing having the oross-seetion shown in Fig- 
ure 2, and mounted between the roof and floor of a wind tunnel.    The large ohord of the model enabled detailed 
pressure distributions to be measured around the centre-line of the model, and from this data the lift of the 
wing seotion could be obtained.    The drag of the wing section was measured by the wake survey method using a 
rake ef total pressure and static pressure tubes mounted approximately one ohord downstream of the model. 
Measurement« were obtained for a range of traillng-edge flap defleotions and blowing momentum, In conjunction 
with both an undeflooted and deflaoted leading-edge flap, the latter having a blowing slot at tha flap knuckle. 

Aa the aim of boundary-layer oontrol is to eliminate flow separations, when the boundary-layer oontrol 
system is operating effectively the flow around tha wing section should correspond olosely to that in lnviscid 
flow, with, possibly, allowances for the development of the attached boundary-layer.    The recent advances in 
methods'- »5 of calculating the flow around wing sections have allowed the lift coefficient for the wing to be 
oaloulated In inoompreasibls flow in free air, in oompres-able flow in free air, and in incompressible flow in 
the presence of the wind-tunnel walla.    Whilst the true situation, that of a compressible flow in the presence 
of the wind-tunnel walla, cannot strictly be computed, Figure 3 shows that the effect of compressibility Is 
small but that, for tha else of model considered here, the presence of the tunnel walls does affeot the lift. 
It is therefore reasonable to ooamtara the lift curve calculated for incompressible flow in the presence of the 
wind-tunnel walla with tha experimental lift curves measured for a range of blowing conditions, and this has 
been carried out in Figure K.    tha experimental lift ourve slopes are lower than tha lnviscid value, so that 
tha momentum coefficient to achieve the lnvlsoid lift inoreases with angle of incidence.    Figure 5 shows the 
measured and theoretical pressure distributions agree very well, except near the flap knuckle where the contour 
considered is of necessity different from the actual contour.    Figure 6 shows results of measurements of the 
sectional drag by the wake survey technique.   When a line corresponding to the values of the angle of incidence 
and momentum coefficient at which the inviaoid lift coefficient waa achieved is superimposed on the carpet it 
ia seen to be oloae to aero wake drag throughout. 

It appears, therefore, that whan tha lnvlsoid lift and inviaoid pressure distribution are achieved sen- 
sibly tare wake drag results; it remains to calculate the momentum coefficient to produee 'diese conditions. 

a6 waa, perhaps, tha first to suggest a method of predicting the momentum coefficient far attached flow, 
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the Mthod being baaad on tbe Maaurad effect of » Jet on the development of » viscous layer In • BMII 
advene pressure gradient.   Gartahore and Newmen7,8 reviewed • number of integral Mthods, and considered 
that «or» flexibility «as required In tb» definition of tb* velocity profile than bad beta «iron In tb» 
p-erioua Mthods.    They therefor» propoaed a Mthod in which the profile was defined by four Independent 
paraaefera.    By Integrating the mnmantum equation over four different intartals in the viscous layer, equa- 
tions oan be derived for tbeae four parameters in tens of the shear stress at the four position» in the 
layer.   She values of the abear stress have been derived from eapirioal correlation» with velocity profile 
parameter« or their derivatives. 

Using this Mthod it is possible to predlet the itrlr'r"" aoMntue coefficient to produce attached flow 
Just to the trailing-edge of the wing Motion.    It has been applied to the inviaoid flow pressure diatriba- 
tions calculated for the SAX wing, with the upstream boundary layer being calculated as follows; the Mthod 
of Thwaitaa' for the laminar boundary layer; a number of transition orlteria or Horton'e10 laadnar bubble 
Mthod to determine the end of the development of the laminar layer; and Green's11 Mthod for the turbulent 
boundary layer.   Figure 7 abows the resulta of tbeae saloulations oompared with values of the momentum 
coefficient to achieve the invieold lift coefficient derived from experimental measurements aa on Figure 4. 
The momentum coefficient is Men to be underestimated for both flap angles considered, although the errors 
reduoe as the lift coefficient increases at the high flap deflection.   This is somewhat surprising, as 
Gartsbor» has poiited out8 that whilst the assuMd velocity profile, whloh contains only one inflexion from 
a maximum velocity, ia a reasonable representation of the meeeured profile for small flap deflections, at 
the higher flap deflections a seoond inflexion resulting from a minimum velocity is also found in the velo- 
city profile, and so tbe basic flow model is unrepresentative. 

■ore reosntly, Lsvinaky and Teh12, in their study of circulation control by a Coanda Jet, have extended 
Gartahore and Newman'a Mthod to include ourvature and Induced pressure gradient effeots.    They have made 
estimates for tbe RAI wing at one angle of incidence and two flap deflections, end their results have been 
added to Figure 7.    It oan be seen that their estimate is an lmproveMnt on tb» Gartahore and Newman value 
at the low flap angle, but not at the high flap angle.    Perhaps tbe finite-difference Mthod of Dvorak'-5, 
which oan oonsider velocity profiles with both maxima and minima, or with maxima only, will prove to provide 
tbe acouraoy of prediction being sought.   Nevertheless it Is to be hoped that, even if tbs absolute values of 
the momentum coefficient predicted are Incorrect, the Gartshore-Newman Mthod will correctly reflect tb* 
effect of changes of tbe aerofoil pressure distribution resulting from ohanges In tbe radius of curvature of 
the flap knuckle.    Figure 8 shows that doubling the knuckle radius produoes a very marked (and worthwhile} 
reduction of the momentum coefficient to produce attached flow, but that further increase of radius does tot 
have a large effect on the attachment momentum coefficient.    It is possible that advantage can be taken of 
tbe large initial reduction by using the RAS Variable Aerofoil Mechanism1* to give a knuckle with an increased 
radius of curvature.   Tbe advantage of blowing from a slot in the knuckle, rather than In tbe shroud, was dis- 
cussed by Williams aad Butler1. 

Finally before leaving considerations of sectional properties, it should be noted that the.-» are oiroimi- 
stanoee in whloh, aa the Jet velocity is of the same order as the freestreaa velocity, the momentum coeffi- 
cient is inadequate as a correlating parameter.   Early analysis of some low-pressure blowing experiments by 
NASA 5 end NPL' suggested that a local momentum coefficient Cgj^,defined in relation to conditions at the slot 
exit, would be a better correlating parameter, and recent systematic data published by Sngler and Williams1   , 
Figure 9, confirms this. 

Turning to tbe application of boundary-layer control to complete aircraft, Syr» and Butler ' carried out 
systematic tests on a complete model of a transport aircraft having an aspect ratio 8.0 wing with 28° sweep- 
back on tbe leading edge, Figure 10.    The wing section was the seae as on tbe two-dimensional model shown on 
Figure 2.    Tbe effect of deflection of the leading-edge flap, both with and without blowing at tbe knuckle, 
waa Investigated, and tbe increases of maximum lift coefficient are summarised on Figure 11, together with 
theoretical estimates based on an extension cf tbs method given in a paper considering external-flow Jet- 
flaps18.    The theory aesumes that the maximum lift coefficient is defined by a leading-edge stall, and the 
experimental aeasuraments with the leading-edge flap undeflected suggest that this condition is approached 
for blowing momenta over tbe trailing-edge flap greater than 0.1.    Tbe measurements made with the leading- 
edge flap deflected but unblown suggest that at high values of trailing-edge blowing momntum, the increment 
in maximum lift coefficient will be »lightly greater than that given by tbe almple theory, whilst blowing at 
tbe flap knuckle givee a further increase in the maximum lift coefficient. 

However the Increase in maximum lift coefficient is only cne aspect of the performance of the high-lift 
system.    Byre and Butler noted that with tbe leading-edge flap undeflected svbstaiitial reductions in stal- 
ling incidence resulted from tbe application of trailing-edge blowing, and that the onset of the stall was 
sudden and accompanied by considerable buffeting;  there was a large loss of lift post-stall with a pronounced 
pitoh-up.    Defleotlon of tbe leading-edge flap increased the stalling Incidence, Figure 12, but the post- 
stall lift losses and pitoh-up effeots were aggravated.    Blowing at the knuckle of the deflected leading- 
edge flap also resulted in an increase of tbe stalling incidence, Figure 12, and reduoed the spanwlse rate 
of epread of the separated flaw region.    However the baaic pattern of the stall progression persisted, and 
there were still fairly severe lift-losses and pitch-up. 

In an attempt to further reduce the rate of spread of the flow separations and alleviate tbe severity 
of the stall tbe Inboard 23? of each leading-edge blowing slot was sealed, restricting the blowing to the 
outer T% of tbe exposed apan.    Tbe leading-edge flaps were, however, still deflected ever the whole of 
their apan.    Figure 13 shows that aoss» reduction of maximum lift coefficient resulted from this reduction of 
the spanwlse extent of tb» blowing, but that pitch-up was effectively removed.    It, therefore appeared that 
thla almple modification waa auffielet:'' to enable acceptable stalling characteristic«: to be achieved, and that 
by optimising tbe spanwioe dlstributlor of blowing it is possible that the penalty incurred on the maximum 
lift coefficient could be reduoed. 

A seoond beneficial feature of leading-edge flap defleotiou appeared on examination of the drag polars 
(Figure 12/.    The linear portion of the curve for the undeflected leading-edge flap corresponds to a lift- 
dependeat -irag factor of 1.28, being typical of values measured for a wing of this planform with highly- 
loaded flapa.    When tbe leading-edge flap was deflected, with or without blowing, the lift-dependant drag 
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factor dvoraastd to 1.18, inflecting the ljpproTeaent in the condition of the boundary layer below the stall. 
This low Tali» appeared to be insensitive to the angle of deflsotion of the traillng-edge flap, or to the 
value of the blowing aoaonta at the leading* or traillng-edge flaps. 

Measurements »*de with the tailplane showed that the downwash angle increased linearly with angle of 
incidence up to the  stall, with a slope of approximately 0.3.    Above the stall, the configuration with full- 
span blowing at fee leading-edge indicated a narked increase in the downwash angle, resulting in a decrease 
in stability.    For the configuration with part-span blowing, the downwash angle decreased beyond Hi* stall, 
yielding an increase in stability.   Variation of tailplane height did not ohange the slope of the downwash - 
angle of Incidence cur-re below the stall and changed the absolute value of the downwash angle by less than 2° 
for the full range of tailplane heights.   Near the stall, however, the tail position affected the angle of 
incidence at which the stabilising effect coonenoed, the angle of incidenoe Increasing «1th tail height. 

Interpretation of the measurements of the lateral characteristics made with this modal are made diffi- 
cult by 1he use of a flat-plate fin, installed primarily to carry the tailplane.    However one basic feature 
found was that the magnitude of lift losses due to sideslip were greater for the high-lift wing than for the 
plain wing, resulting in appreciably larger negative values for I. 

This model was subsequently tested over a moving ground belt, at one fixed height, h/~ • 1.2, to determine 
the effect of ground proximity,    figure 14 compares lift curves measured In free air, and in ground effect, 
for leading- and traillng-edge flaps deflected and blown1?.    It oan be seen that both the lift at a given 
angle of incidenoe, and the marl mum lift coefficient, have been reduced by the presenoe of the ground.    An 
attempt to model theoretically this situation was made using the vortex-ring method of Maakew20.    In this 
method, the lifting effect of the wing is represented by a series of quadrilateral vortex-rings situated on 
the mean-line of the aerofoil section.    It is possible therefore to represent highly-deflected flaps, and 
the method has th* facility to allow the trailing vortices to roll up.    Calculation- have bean made for the 
wing of the model, assuming that the blowing momentum is just sufficient to produoe a.taohed flow over the 
wing.    The lift curves are shown on Figure 15, which also indicates that the effeot of wain roll-up, although 
more marked for the wing in ground effect, is nevertheless small.    Figure 16 shows that the theory does give 
a reasonable indication of the fractional change in lift due to ground effect. 

Accompanying the reduction of lift was a reduction of drag, such that at an equal value of the lift 
coefficient the drag in ground effeot was 2555 less than that in free air.    The main effeot on pitching moment 
was a constant positive increment without change of slope.    However the normal variation of downwash angle 
with angle of incidence was almost completely suppressed in ground effect. 

Use of boundary-layer control at the leading-edge of a wing was also investigated by Butler^1 for a 
rather different situation.    Here the half model tested (Figure 17) was of a strike aircraft with a thin wing 
section (typically 8$) and under the constraint that the laading-odga arrangement must be find, and with a 
shape dictated by high-speed requirements.   A range of positions of the leading-edge blowing slot   was con- 
sidered, and it was found (Figure 18) that the expected increase of effectiveness was not achieved when the 
position of the blowing slot was moved forward from 1-Jj£ chord to J)S chord.   Further increase of blowing momen- 
tum at 3$ chord also resulted in a reduction of the maximum lift coefficient, instead of the expected increase. 
Reduction of the tunnel airspeed, Figure 19, did however result in an Increase of maximum lift coefficient to 
a level well above that achieved with the slot at 1$ chord.    It would appear that the reduced effectiveness 
of blowing at ;$ chord resulted from an adverse interaction of the jet, at approximately sonic velocity, with 
an external flow which is also locally at a near-sonic velocity due to the high circulation resulting from 
blowing over the flap. 

A second effect noted in these tests is the favourable influence of leading-edge blowing on the effect- 
iveness of blowing over traillng-edge flaps, so that for the same total blowing momentum very similar lift 
increments at zero incidence are achieved by blowing at the traillng-edge flap with no leading-edge blowing, 
or by subdividing the blowing, Figure 20.    Obviously, at higher angles of incidence the advantage lies in 
blowing at the leading-edge.    This effect was also found by Lohr22 on a raotangular wing between endpLites 

b)      BOUNDARY-LAYER CONTROL BY SPANWISE BLOWING 

The use of spanwise blowing over flaps to increase the lift of a wing has been discussed by Dlxon2'. 
Air is discharged in a spanwise direction from a nozzle located in the aide of the fuselage just above 
deflected flaps, Figure 21.    The jet impinges on the flap upper surface and spreads spanwise over the flap, 
eventually turning to be discharged from the trailing edge of the flap in a near streamwise direction. 
During this process freestraam air is entrained and turned to flow sensibly parallel to the flap upper 
surface.    It is the downward motion of the large mass of entrained air that results in the increase of lift. 

The effectiveness of spanwise blowing has been compared *ith that cf conventional chordwise blowing by 
tests on a model of an F-8J Crusader Aircraft"^.    Due to differences of soale between the spanwise blowing 
model and the chordwise blowing model there were differences in the unblown datum values, and so the results 
are best compared on a lift-increment basis, although the lower Reynolds number may still favour the span- 
wise blowing.    Figure 22 shows that although chordwise blowing is more effective at aero angle of incidence, 
increase of angle of incidenoe reduces the difference until at an angle of incidenoe of 12° the performance 
of the two systems is virtually identical.    It was also found that the thrust recovery was about the same 
for the two systems. 

Reverting to Figure 21, it oan be seen that the Jet rolled up into a strong vortex very soon after 
leaving the outboard tip of the flap, and that a smaller contra-rotating vortex sprang from the flap-fuse- 
lage Junction.    These vortices    produced much larger downwash angles at the tailplane of the model than were 
measured for chordwise blowing, by a factor that may be as large as 3.    Dixon comments that to obtain the 
same static stability with spanwise blowing as is obtained for chordwise blowing, it will be necessary to 

choose a   higher position for the tailplane.    If this is found to be acceptable, spanwise blowing offers 
potentially large savings in weight, cost and complexity. 

*^-A«.—■■-* • - *-- 
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o)    BOWDARY-UYER CONTROL BY SUCTION 

Although boundary-layer control by suction has not actually been applied to a production aircraft, it 
baa some attractions for civil aircraft.    The discussion of British and American work praaantad by WiUlaaa 
and Butler! concluded that, if tba available compressor bleed and the associated thrust losses »era restricted, 
area auction could be competitive, and perhaps, superior, to blowing.    If, for example, a reasonably well- 
deeigned multi-noisle ejector pump system was fad with air fron the engine-compressor, the bleed quantity to 
provide area auction could be aa little aa one quarter that required for direct slot-blowing,    the suction 
Installation would be more complex, but the weight penalty would not necessarily be higher, and would in any 
case be email.   Williams and Butler alao concluded that a wide range of porous materials were then available, 
whloh ware aatiafaotory froa aerodynamic, structural and non-clogging aspects. 

Area auction research did, in fact, continue at HAS until about 19&2.    In particular a aeries of tests 
were performed at RAVA on a model large enough to accommodate practical perforated auction surface arrenge- 
menta with simple internal wing ducts.   The nodal, Figure 23, was fitted with ertending-ohord trailing-edge 
flaps, and auction wae applied at the knuckle of a deflected leading-edge flap.    The variation of the minimum 
suction rate required to suppress the natural stall at a given angle of incidence, with angle of incidence, 
was measured for a range of suction aurfaoes (Figure 24).    The lowest suction rates corresponded to the sur- 
face with fee largest open-area ratio, whilst at a given open-area ratio, there was no significant effect of 
variation of perforation aiae over the range of hole diaantera tasted. 

One potential problem area for systems involving boundary-layer control by suction is the effect of atmos- 
pheric conditions, and in particular flight through rain.    The SAE model was therefore tested in conjunction 
with a "rain gun"25, which generated a rain-like distribution of droplets in the wind tunnel airstieam by 
means of an oscillating water spray.    Three combinations of flow rate and jet noszle aiae were tested to give 
concentrations approximating to light, moderate and very heavy rain.    The affect of simulating rainfall was 
measured for the wing with a smooth contour, end also with a downward step ahead of the flap knuckle of a 
magnitude equal to that which uijht exist In a practical configuration.   Figure 25 shows that some scatter 
occurred in the measurements, but that the increase of the minimum suction rate due to rain was ouch less 
than that due to the surface discontinuity. 

d)      BOUNDARY-LAYER CONTROL BY ROTATING CYLINDER FLAPS 

The use of a rotating cylinder at the hinge of a plain flap to apply boundary-lever control to the flow 
around the region of high curvature was first suggested by Professor Alvares-Calderon . Subsequently large 
soalt. models were tested by NASA2?»28 in the ABBS 40ft x 80ft «rind tunnel. Both models Incorporated propel- 
lers, and extensive tests were conducted to determine the efficiency with which thj rotating cylinder turned 
the propeller slipstream. For compatibility with the remainder of this paper, comments will be restricted to 
the aero propeller thrust condition. 

The first model tested     had a wing of fairly low aspect ratio (3.6).    The tests established that the 
rotating cylinder was an effective and efficient devioe for boundary-layer control.    The correlating parameter 
was the ratio of tiie peripheral velocity of the cylinder to the f-eestream velocity.    At low values of the 
velocity ratio, the flow over the surface of the flap was separatid.    As the velocity ratio was increased,  the 
separated area of the flap was reduced end then finally removed.    Further increases in velocity ratio resulted 
in only very small increases of lift.    The velocity ratio for e'.tached flow was found 'x>.depend only on flap 
deflection, and to be independent of the angle of incidence end of the actual value of the free-stream velocity. 
The power required was found to be proportional +x> the cube of the freestreem speed;  thus the rotating cylinder 
is most attractive for aircraft designed for very low approach speeds.    The effect e{ moving the position of 
the effective hinge point of the flap is shown on Figure 26; there is only a small difference in lift, and 
drag, but a considerable reduction of the nose-down pitching moment. 

The second model tested28 used the same rotating cylinder, but in conjunction with a wing of larger 
aspect ratio (5.4).    The change of aspect ratio did not affect the lift performance greatly, but as it is 
similar to that cf a wing with boundary-layer control by chordwise blowing2?, comparisons of power require- 
ments are possible.    For similar flap deflections, end a maximum lift coefficient of 4.0, the rotating cylin- 
der flap requires only 21S of the power required for blowing boundary-layer control, for an airspeed of 40kt; 
if the airspeed rises to BOkt the rotating cylinder flap requires 43% of the power required for blowing 
boundary-layer control and so still provides a worthwhile saving. 

Thus if the mechanical complexity of the rotating cylinder flap is acceptable it offers the prospect of 
achieving boundary-layer control with a reduction of power compared to a system employing blowing, and of 
generating smaller nose-down pitching monents than blowing systems, with its consequential effect on tail sise. 

3        INTERNAL-FLOW JET-FLAP 

a)      BLOONC OVER TRAmNC-1™? FLAPS 

JThe aerodynamic character. of the internal-flow Jet-flap were analysed by Williams, Butler end 
Wood50 in 1961, and by Williams* in 1966.    Again the basic estimation methods are given in Appendix A.    Since 
that time a greater effort would seem to have been applied to the development of theoretical methods than to 
experimental studies. 

Although the method of Spenee31»32( to predict the lift coefficient on a two- Imensional aerofoil section 
with a jet-flap, has shown good agreement with experimental results up to large jet deflections, the assump- 
tion that the vortex distribution representing the jet is placed along a line passing through the aerofoil 
trailing-edge in the direction of the undisturbed flow would suggest that the method is strictly applicable 
only to small jet deflection angles, and to small blowing rates, so that the jet path Is shallow.    Attempts 
have therefore been made33,34 to derive theories which do not have this restriction, by placing a vortex dis- 
tribution along the jet path and along the aerofoil chord33 or aerofoil surfaces^.    Iterations are then 
carried out between the vortex distributions and the Jet path until the radius of curvature of the jet at any 
given point, deduced from the flow field induced by the vortex distribution, is compatible with the assumed 
strength of the jet vortlclty at that point.    Published results for one aethod33 indicated that the lift of 

i vi»»ii i kum aaaiaiaafiiiieHMril 
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the aerofoil, and to a lesser extent, the Jet path, was strongly dependent en the number of vortioes repre- 
senting tha aarofoil.    1 comparison «1th tha predictions of Spanoa' a aathod suggested similar nlu«s for tha 
lift curve slope, and, perhaps surprisingly, higher values of lift at a given sngle of incidence and jet 
deflection, at low values of aoaantua coefficient, out tending to tha Spanoa value at high valuea of tha 
■a— tu» ooafflelant. 

In tha calculation of ft« oharecteristioa of tha three-dimensional jet-flap wing, tha classical theory 
of Meskall and Spanoa'' is strictly only applicable to a wing of elliptic planfon, with no etaber and twist, 
and having an alliptle distribution of blowing no—itun.    Ussemen3° has generalised tha aathod of Maskell 
and Spanoa to consider straight, unceabered wings of arbitrary planfora and twist, and with arbitrary distri- 
butions of blowing.   An interesting result given by his aathod, and shown on Figure 27, la that whilst the 
pressure lift due to flap deflection varies with aoaantua ooafflelant in aueh the sane way for large aspect 
ratios (of tha order 10), as for saall aapeot ratios (of the order It), the pressure lift due to angle of 
incidence ia alaost Independent of aoaantua «efficient for the aaall aspect ratio.   This result, which is, 
perhaps,   of nore significance to the external-flow Jet-flap than the internal-flow jet-flap, would Indicate 
that tha effect of blowing for a aaall aspaet ratio wing would be to yield an increment in lift coefficient 
alaost independent of angle of incidence. 

Theories having aoaawhat aialler principles, that of applying the two-dimensional characteristics of 
jet-flap aerofoils along a lifting line, have been proposed by Lopes and Shen37 and Gielnw™. 

Da*39 developed a lifting surface theory based on Sulthopp'a aathod, in which the vortex distribution 
along the wing chord was represented by the sua of the first three tens in Bimbaua' s expression for the 
chordwise vortex distribution of a two-dimensional thin aerofoil, each with unknown coefficients, and the 
first throe tens of Spenee's two-dimensional jet-flap theory, again with unknown coefficients.   By asking 
several approjdaationa, tha nunber of independent coefficients were reduced to three, so that the boundary 
conditions need be satisfied at only throe points along the chord: at one-quarter chord, three-quarters 
chord, and infinity downstream.    Tha apanwise stations considered by the method are specified by the method 
employed by Hulthopp In the spanwiae integration of the downwash integral.   Whilst being suitable for wings 
with full-span flaps, the spsnwise distribution of stations is in general less satisfactory for wings with 
part-span flaps.    Das^ also measured the chordwise and spsnwise pressure distributions over a number of 
rectangular wings of varying aapeot ratio, and a comparison of the specwise distribution of lift due to angle 
of incidenaa aid due to flap deflection, as measured, and as predicted by Das's theory, is shown on Figure 28. 
It can be seen that Das's aathod correctly represents the loading due to flap deflection, but underestimates 
the loading due to angle of incidence. 

A more general lifting surface thaory has been developed by Shen et el*   at McDonnell Douglas, known as 
the Elementary Vortex Distribution method.   The trace of the wing and the jet in the plane of the free-stream 
is divided into a number of saall rectangular elements.    Elementary Vortex Distributions are now distributed 
over one or two of these elements, and overlap chordwise, to produce a piecewise linear and continuous vortex 
distribution in the chordwise sense, but a piecewise constant and discontinuous distribution in the spsnwise 
sense.   Different types of Ilaaentary Vortex Distributions are used to ensure the correct behaviour close to 
the leading edge and to a flap hinge; at Infinity downstream; and over the wing and jet away from the leading 
edge, flap hinge and Infinity downstream.    The strengths of these Elementary Vortex Distributions are derived 
by applying the boundary conditions at one point In each element, normally the centre of the element.    The 
results of applying this theory to Das's wing are also shown in Figure 28, where it can be seen that the 
method produces an Improved estimate of the loading due to angle of incidence, but overestimates slightly the 
loading due to flap deflection. 

The McDonnell-Douglas method has also been applied tc Hie complete model representing a jet-flap air- 
craft, Figure 29, tested by Butler et el1»2.    Two sets of estimates are shown: one for the thin-wing, and one 
for the thick wing, obtained by Increasing the circulation part of the lift by a factor (1 + t/o), as first 
suggested by Spence^1, and subsequently confirmed theoretically by LissamanJ".    The theory with thickness 
correction ia seen to be in good agreement with the measured lift-incidence variation, except at the highest 
angles of incidence where, perhaps, non-linear effects should have been included.    The effect of the thickness 
correction on the pltohing-aoaant curve is less than on the lift curve, but still results in better agreement 
between theory and experiment.    The remaining discrepancy is thought to have resulted from treating tho wing- 
fuselage combination as an isolated wing with a part-span flap, so ignoring the interference lift on the 
f oselage'*'*.    The theory can, of eourre, only predict the lift-dependent drag CQ^, and this has been included 
on the drag polar.    Also shown is the difference CD - Cn^, which represent the boundary-layer drag.    Intui- 
tively, this aight not be expected to vary very rapidly with lift, and this is indeed the case, suggesting 
that the lift-dependent drag has been predicted oorreotly. 

Wind tunnel tests on this model were performed in conjunction with a moving-belt rigVt-, to supplement 
the data obtained previously with a fixed ground board'»2.    Due to the particular installation of the moving- 
belt rig, the model had to be mounted Inverted, in contrast to its normal upright position, and some inter- 
ference was encountered between tha strut, through which air passed to the model, and the flow around the 
root of the wing.   As a consequence only the increments due to belt velocity are considered valid, and these 
have been applied to the data measured with the model in an upright position over a fixed ground board, to 
give the comparison shown on Figure JO,    In the absenoe of jet impingement the effect of ground proximity on 
lift ia saall, and mldly favourable.    Subsequent to jet impingement, ground effect became progressively less 
favourable, until the wing stalled.    It was found that the stall resulted from leading-edge separations, in 
contrast to tha flap-shroud separation which initiated the stall in free-air. 

In the absence of jet impingement the effect of ground proximity was to cause a reduction in drag (or an 
increase in thrust) relative to free-air conditions; subsequent to jet impingement the fall-off of lift is 
accompanied by an increase of drag.    The tendency to pitch-up subsequent to jet impingement, found in earlier 
tests with a fixed ground board, was absent in the tests with the moving-belt rig.    As with the high aspect- 
ratio modal with flaps having boundary-liyer control, the normal variation of downwash angle with angle of 
inoidenoo was almost completely suppressed In ground effect. 

A wider ranging investigation of the effect of ground proximity on the characteristics of a wing with an 
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internal-flow Jet-flap ma carried out by Turned,    He tasted an unawept rectangular wing at various heights 
above a moving-belt rig, with a snail-chord flap at a range of deflection angles and with various momentum 
coefficients.   Apart froa aoae aamll favourable effects measured at small flap deflection angles, the effect 
of ground prolixity «as alaost uniformly unfavourable on lift.    Typical results are shown on Figure 31, 
which indicates that the ground effect depends primarily on the lift in free air, but that there is also a 
snail dependence on the flap deflection. 

Hie SAB Jet-flap aodel was the subject of an experiment to measure the yew-damping derivative reusing 
the free-oscillation technique^.    The separate effects of wing, fin, tailplane and fuselage were measured, 
and it was found that the latter gave a large and «predicted destabilising contribution, while damping due 
to the fin was smaller than the estimated value.    Explorations of the flow fields around the rear fuselage 
and fin suggested that these unexpected features resulted from the presence of wing-root vortices, whose 
strength increased with the high values of lift coefficient associated with Jet-flap configurations, and 
which rolled up more rapidly at high-lift. 

Extensive flight tests were carried out by EAC and RAE on the BAC-Hunting 126 Jet-flap research air- 
craft,2'^' and it has recently been tested in the NASA AKSS 40ft x 80ft wind tunnel*8»'*?.    Comparisons 
between flight and tunnel measurements are made difficult by the fact that whereas the wind tunnel tests 
were conducted at a fixed windspeed and hence constant momentum coefficient, the flight tests50 were made 
at constant engine rpm and varying airspeed, and hence varying momentum coefficient.    The comparisons shown 
on Figure 32 show the values of the lift coefficient measured in flight compared with values interpolated 
from wind tunnel results, for the flight angle of incidence and momentum coefficients.    Among the factors 
which may contribute to tee difference is the quality of the position errors applied to the airspeed, as 
these were established at the higher airspeeds and extrapolated to the lower speeds; the fact that, due to 
the uncertainties of establishing wind-tunnel wall corrections for powered-llft models, the turnel results 
have not been corrected for tunnel wall effects, and the fact that the wind tunnel tests were made tt a 
fixed tail setting whereas the flight results are, of course, under trimmed conditions. 

It should finally be mentioned that tests in an anacholc chamber at zero forward speed" have shown 
that the internal-flow Jet-flap exhibits a much lower noise characteristic than the external-flow Jet-flap 
or the augmento:* flap sobeme. 

b)      BLOWING AT THE TRAILING-EDGE OF tKCONVBJTICWAL »INS SECTIONS 

Lock and Albone52 reviewed the data which exists on the use of the Jet-flap conoept at high subsonic 
speeds, and considered that it offered sufficient promise of improving the cruise performance and buffet 
margin to merit further research.    Wind tunnel tests in this speed range were reported by Englar53, who 
compared the performance of three aerofoils with different forms of traillng-edge blowing. Figure 33.    The 
values of lift coefficient measured, Figure %, suggested that the performance of an aerofoil with blowing 
from the lower surface was exceeded by that of an aerofoil with blowing from the upper surfaoe over a curved 
trailing edge. 

Consideration of this and other wind tunnel tests, and of arguments similar to those presented by Look 
and Albone, has led to the suggestion of the use of a new type of aerofoil section, termed tee Power 
Profile^, Figure 35.   Jets emerge from the slots above and below the control surfaoe, and flow around the 
control surface to ooalesoe into a single Jet flowing downstream.    By varying the position of the control 
surfaoe the width of the upper and lower slots may be changed simultaneously.    This in turn changes the 
direction of the final single Jet and thus the lift on the aerofoil, so that lift can be varied at a constant 
angle of incidence and momentum coefficient.   Thus in addition to offering benefits in terns of better cruise 
and buffeting performance, high values of lift ooefficient will be available at low speed in a manner which 
allows rapid changes to be made, suggesting that improvements in ride quality may be achieved through gust 
alleviation. 

4        EXTERNAL-FLOY JET-FLAP 

a)      ENGINES INSTALLED IKDER THE «INC 

This ooneept,originated by NASA, has been the subject of intensive study experimentally, and a wide 
variety of theoretical methods have been proposed by which the performance may be predicted.    One obvious 
starting point lies In tee methods developed for internal-flow Jet-flaps™.    The question then arises of the 
magnitude, distribution across the span, and deflection of the momentum leaving the trailing edge of the 
flap.    Perry     assumed that the magnitude and direction of the momentum flux under forward speed conditions 
was the same as that measured under static conditions, and that it was sufficient theoretically to represent 
the non-uniform spanwise distribution by a uniform distribution of momentum over that part of the flap span 
thought to be affected by the Jet aheet.    Based on measured values of the static turning efficiency and 
static turning angle, and including allowances for non-linear effects at large flap angles and momentum coef- 
ficients, Perry obtained reasonable agreement between measured and predicted lift increments.    However when 
he attempted to utilise this approach to analyse longitudinal forces, he found that it was not possible to 
obvaln a satisfactory correlation of measured end predicted forces, and that it was neoessary to revert to 
treating the flap as a simple thrust deflector and including the effeot of supercirculation only In the calcu- 
lation of the lift-dependent drag.    Even with this limitation the method is restricted in tee range of con- 
figurations to which it oould be applied, since the effeot of the position and orientation of the naoelle on 
the static turning parameters could sot be predicted. 

Ashill" has recently extended this approach by developing a seml-emplrioal method of predicting the 
static turning efficiency and static turning angle, baaed on an extensive series of static tasts5°.    Using, 
as in the Perry method, the classical teeory for Jet-flap wings due to Haskell and Spenoe*5f fnd incorporating 
allowances for non-linear affects at large flap angles, and for the effeot of the boundary layer on the flap 
upper surface at low momentum coefficients, Ashill has incr-rpcrated his predicted static turning parameters 
to give a better prediction of the lift ooefficient« measured in a NASA tes*57 than could Is obtained by the 
Perry method (Figure 36).    Ashill followed Perry in predicting the longitudinal force using the thrust-deflec- 
tor analogy; as Figure 37 shows, providing that a suitable value is assumed for the boundary-layer drag of 
the area of the wing external to the Jet sheet, satisfactory agreement can be achieved between the predlotej 
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and measured values. Tb* agreement between the pradictad and measured values of the pitching-ooment coeffi- 
cient are, perhaps, less good (Figure 38) but this nay be because the effect of the fuselage on the pitching 
moment is not adequately represented by the theory. 

The Douglas Slen^ntary Vortex Distribution method for the prediction of the characteristics of wings 
with internal-flow Jet flaps has been applied'*''' to an external-flow Jet-flap configutatlon, by using an 
estimate of the turning efficiency, turning angle, and spanwise spreading of the engine exhaust derived from 
static measurement?.    Fife»re 39 shows that reasonable agreement is obtained for lift and pitching moment, 
and also for drag, if a suitable value of the boundary-layer drag is Included. 

All the above method." rely on static measurements to indicate the magnitude and direction of the momen- 
tum flux leaving the tre > ling-edge of the flap.   Recent experiments at RAE Bedford have confirmed that for- 
ward speed has only a smi'l effect on the turning and spreading process, but it is possible that a develop- 
ment of a theoretical method similar to that proposed by Sholienberger58, jj, which both the wing and the Jet 
are represented by singularity panels, and the spanloading and Jet shape undergo an iterative process until 
they are compatible, will remove this dependence on static measurements in prediction methods. 

Smith^ has studied the effeot of the sixe of the high-lift devices experimentally,    using the unswept 
model shown in Figure 40, to test four flap configurations.    As might be expected, Figure 41  shows that the 
configuration with the largest chord produced the most lift, and that with the smallest chord the least lift. 
For a given flap chord it appeared to be most advantageous to have a small vane and a forward slot; the con- 
figuration with an aft slot appearing to suffer from relatively poor turning performance.    Different leading- 
edge devices wars also tested on this model.    At a moderate value of the momentum coefficient (C^Q » 2.75), 
increasing the chord of the leading-edge slat from 15% chord to 25% chord only resulted in an increase of the 
lift coefficient measured above the stall, and, as again might be expected, leading-edge slats were more 
effective than the leading-edge flaps foimed by sealing the slots of the slats.    In tests on a model similar 
to that shown In Figure 42(a), at a rather higher Reynolds number, Parlett, Smith and Megrail5° showed that a 
leading-edge slat of 25* chord had some advantages over • 1Ji chord slat in terms of the angle of incidence 
at the stall and the break in the lift-curve slope.    A leading-edge flap of larger chord (30# chord) was also 
tested, but was found to be Inferior to the slats. 

omith^0 used the half model tested previously with various high-lift devices^, Figure 40, to investigate 
the effeot of wing aspect ratio, flap span, and engine position.    He found that there was only a small loss 
of the trimmed lift coefficient when the wing aspect ratio was reduced from 7.0 to 5*25, but a much greater 
loss occurred when the same fractional reduction war. applied to the flap span only, indicative of the lateral 
extent of the spreading of the engine exhaust.    At a given overall momentum coefficient, a configuration with 
two engines located olose to the fuselage had about the same longitudinal aerodynamic characteristics as a 
configuration with four engines located uniformly over the span of the wing. 

Loss of thrust from one engine has a profound effect on lift, drag and pitch trim; in general the reduc- 
tion in lift due to an inboard engine failure is greater than that due to an outboard engine failure57,60. 
Account must be taken of these longitudinal effects in defining safe flight speeds at high lift, but a poten- 
tially more difficult problem exists in the lateral characteristics, where the out-of-balance rolling moments 
generated at low angles of incidence by the loss of lift are magnified at higher angles of incidence by the 
engine-failed wing stalling first.    Parlett, Smith and Megrail59 showed that some of the earlier measurements 
of the out-of-balance rolling moment on a swept-wing configuration may have been pessimistic due to their low 
Reynolds number, and that the use of a large chord slat reduced the magnitude of the rolling moment.    As an 
alternative"' blowing at the leadlng-eage can be used to reduce the lift loss at the stall.    However for this 
model the largest reduction of the out-of-balanoe rolling moment occurred when the engine arrangement was 
changed from the spread-out configuration of Figure 42(a) to the clustered arrangement of Figure 42(b), as is 
shown on Figur« 43(a)°2.    For this model the change was accompanied by a loss of all-engines performance, 
both in terms of drag at a given lift coefficient, and of «udmun lift coefficient, Figure 43(b). 

A considerable effort has been devoted to a study of the lateral control devices required to trim the 
out-of-balance rolling moment.    Parlett and Shivers^ showed, for a model with an unswept wing and clustered 
engines,that conventional ailerons and spoilers, even when at large deflection angles, Figure 44(a) could 
only provide lateral trim up to an angle of incidence of 13° compared with the stalling angle of incidence of 
22°.    Moreover, deflection of the spoilers incurred a reduction of lift coefficient of the order of 0.45 
through the incidence range.    These tests suggested that a conventional rudder was sufficient to produce trim 
in yaw, but later tests on the model with engines spaoed across the span of the wing, Figure 42(a), indicated 
that the conventional rudder was not sufficient to restore directional trim after an engine failure.    These 
tests also showed that conventional wing spoilers at a large deflection (60°), combined with a small-coord 
spoiler on the flap itself, cculd produce roll trio up to stalling angle of incidence (22°), Figure 44(b) 
but with a decrement of approximately 1.0 in lift coefficient.    Use of differential flap setting could not 
give roll trim up to the stalling angle of incidence, and produoed large adverse yawing moments.    Freeman, 
Parlett and Henderson"2 investigated the effectiveness of ailerons with large differential deflections, 
(60 ), in conjunction with blowing over the deflected aileron,on the model with clustered engines, Figure 
42(b),but found, Figure 44(c), that this was only effective at low angles of incidence.    Further investiga- 
tions will therefore be necessary before an adequate lateral control system can be defined. 

Perry1", in his review of the data available in 1970 on the external-flow Jet-flap, noted that large 
reductions in the downwash factor occurred with increasing momentum coefficient.    Parlett at al" investi- 
gated a range of fore-and-aft and vertical positions of the tailplane of a four-englned model, Figure 45, 
and concluded that if the tailplane were to retain even a minimal effectiveness at high momentum coefficients 
it must be located at least 1.5 to 2 wing chords above the fuselage. 

Measurements of static and dynamic stability derivates were made by Freeman, Graf ton and D'Ameto" for 
the swept-wing model with engines spaoed across the span, Figure 42(a).    Figure 46 shows that increase of 
momentum coefficient increased the positive dihedral effeot (- C^  ), but reduced the directional stability 
(+ Cn ). Increase of momentum coefficient also increased the damping in roll (-(C£ + C(. sin a}); the yaw 

damping (-(Cn    - Cn.  ooa cl) was approximately independent of the momentum coefficient. 
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Vogler     oompared a high-wing aid • low-wing model with the engines spread out across the spin both in 
and out of ground eft»et.   He found that, at a given.angle of inoidenoe, the high-wing configuration had 
batman % and 78 more lift than the low-wing configuration, probably due to the end-plate effect of the 
fuselage.    The low-wing configuration in general produced lower nose-down pitching momenta, especially at 
low flap deflections.   With the low-wing configuration it was possible to have the tailplane closer to the 
fuselage than for the high-wing configuration without loss of tailplane power.    The effect of ground proxi- 
mity on lift. Figure 47, was similar for both the high-end low-wing at the sams greund-clearanoe height. 
However for the aaae undercarriage height the low-wing configuration will suffer approximately twioe the loss 
of lift as the high-wing configuration.    Gretser and Mahal6'haw» shown that this inoraased adverse ground 
effect will have a marked sffeot on the ability of the aircraft to execute a flare, since the lift increment 
required to flare may not be obtainable at a practical attitude.   There are thus very powerful arguments for 
the adoption of a high wing. 

One particular disadvantage of the underwing extemal-floa Jet-flap concept In respect of its use for 
civil aircraft lies in the noise it generates.   Experiments6® have shown that impingement of the Jet on the 
flap leading edge and the flow leaving the flap trailing edps add to the noise of the basic Jet an amount 
which increases with flap angle, giving an increase of some 1CdB for the landing flap setting.    In an attempt 
to reduoe the impingement noise, a "daisy" nossle was added to an engine exhaust stream to reduce the velo- 
city of the flow at the fl»ps°9.   Although a reduction of 39K of velocity was measured, and the impingement 
noise reduced, the daisy nozxle had a higher noise level than the basic conical nozzle, and so showed no net 
advantage. 

It has been assumed that the aerodynamic behaviour depends only on momentum of the Jet, but it may be 
that, aa with boundary-layer control, at the low values of the ratio of Jet velocity to external flow velo- 
city which would result from using such a device to reduoe the Jet velocity, the momentum coefficient is not 
the oorreet correlating parameter. 

b)      ENGINES INSTALLED OVER THE TOE 

There is a   potential advantage in installing the engines over the wing, as the wing will provide some 
acoustic shielding.   However some of this advantage is eroded when the engine exhaust is utilised to give 
powered lift.    In order to allow the en^ne exhaust to be turned around the flap knuckle, and to be dis- 
charged from the trailing edge of the flap, it must attach itself to the wing ahead of the flap knuckle. 
This may be done either by directing the efflux from a conventional circular nozzle onto the wing surfaoe by 
a deflector   at the nozzle exit, or by discharging the efflux through a rectangular or semi-circular nozzle. 
Both methods result in scrubbing noise'" being generated at the wing surfaoe, and being oonvected in the 
exhaust to the flap trailing edge. 

The utilisation of the Coanda effeot to turn the Jet implies that the upper surfaoe of the wing Joins 
the upper surfaoe of the flap smoothly, with no slots or gaps.    Such a wing and flap configuration is not an 
effective one outside the region of influence of the engine exhaust, so that either the flap must revert to a 
conventional slotted flap outside this region, or boundary-layer control by blowing must be employed to main- 
tain attached flow, as was the case in the only wind tunnel test for which data has so far been published?!. 
The process of turning a Jet by the Coanda effeot depends on the pressure ratio of the Jet, and its thickness 
relative to the radius of curvature around which it is turning.   Than turning is successfully accomplished it 
occurs with little or no spanwiss spreading of the Jet, and so oan yield higher values of turning efficiency 
than are obtained for the engine-under-the-wing concept.    On the other hand, the laok of spreading minimises 
the spanwise extent of the wing influenced by the Jet.   Nevertheless, the data so far published for the model 
shown in Figure 46 suggested that at a given engine momentum coefficient the over-wing-engine produces some- 
what more lift at a given drag coefficient than the under-wing-engine, Figure 49.    The pitching moment curves 
indicate that the over-wing engine configuration had slightly more instability than the under-wing engine 
configuration, and, taking into account the fact that the over-wing engine produced more lift, this implies 
that the centre-of-pressure for the over-wing engine was more forward than for the under-wing engine.    This 
may be a direct reflection of the faot that the under-wing engine configuration employs a double-slotted flap 
with significant rearward extension. 

5       AUGJMTOR SYSTEMS 

a)      BLOWING THROUGH FLAPS 

The prediction of the characteristics of an augoentor wing with blowing through ( divided trailing-edge 
flap, Figure 50, requires a me   lod of estimating the performance of the injector system, and of calculating 
the aerodynamic loading on the wing, accounting for the sink effect of the flow entrained into the injector, 
and the Jet-flap eifert of the thick Jet emerging from the trailing edge of the flap.    Whittle/'2, the origi- 
nator of the scheme at De HaviUand (Canada), has indicated that a theory has bean developed for the perfor- 
mance of an injector system with non-uniform inlet and exit velocity profiles.    Difficulties were, however, 
encountered in applying this theory to predict the effect of forward speed on the performance of 'die.injector 
system, as the exit profile is modified from the static distribution by forward speed effects.    Jhan'-' has 
analysed the flow around a thin aerofoil with a jet-flap and a sink located at the hinge of the flap.    He 
found that suction into the injector system can induce an additional lift on ths aerofoil, this additional 
lift decreasing slightly as the Jet momentum increases.    Recent analysis of the effect of thick jets55 
suggests that the correlating parameter Cu should be replaced by CM - ?tj/c, where tj is the thickness of the 
Jet.    In view of these effects, the comparison shown on Figure 51 between experimental results, and the pre- 
dictions of the McDonnell-Douglas Elementary Vortex Distribution Method^1, assuming a thin jet having the 
measured static thrust modified to allow for the flow of boundary-layer-oontrol air, is surprisingly good. 

The static performance of an augmentor wing with the primary noizle in the form of a thin slot* is 
summarised in Figure 52.    Analysis of measurements made on a quasi-two-dimensional model showed that the 
effective augmentation ratio decreased from a static value of 1.30 to 1.21 at forward speed.    This resulted 
from s combination of the effect of forward speed on the characteristics of the injector, and from incomplete 
thrust recovery, but it was not possible to isolate the individual contributions. 

Following early Canadian two-dimensional tests,  the major part of the wind tunnel data for complete 
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models with this powered-lift system has been obtained in the AMES 40ft x 80ft wind tunnel75,76 „^„j the 
models illustmted in Figure 53.   A particular feature of this system'' is that the flow induced by the 
Injector system provides a powerful control on the flow at mid chord, and tends to limit the spanwise spread 
of the stall.    This is illustrated by the well-rounded marl mum which occurred In the lift curves for both 
the unswept and swept wings, Figure 54.    For the straight wing the initial breakdown of the flow occurred 
at the wing root, and a small Increase of the maximum lift coefficient was obtained by blowing through a 
slot on the upper surface of the fuselage in line with the leading edge of the wing.    In the case of the 
swept wing the wing root was 1SL.S heavily loaded, and although separations still occurred in this region 
as the stall was approached, a fuselage boundary-layer control slot could not influenoa the progression of 
the stall. 

Both models were tested with highly-deflected ailerons having boundary-layer control by blowing in 
order to achieve as uniform a spanwise lift distribution as possible.    However It was found, Figure 55, 
that a reduction of the deflection of the ailerons had only a small effect on the maximum lift coefficient, 
but markedly reduced the nose-down pitching moment below the stall, and the post-stall pitch-up. 

An internal flow system such as the augoentor wing (or the internal-flow Jet-flap) allows the possi- 
bility of cross-ducting the flow bled from the engines, so that engine failure will not cause assymetric 
loadings, as occurs for the external-flow jet-flap.    The augmentor also provides a ready means of providing 
lateral control, moments independent of forward speed.    This is achieved using the "augmentor choke", Figure 
50, a flap In the tralllng-edge portion of the injector system which can partially choke the exit.    Tests'' 
showed that it produces changes in rolling moment which are almost independent of the lift coefficient, with 
only a small penalty in the maximum lift coefficient, Figure 56. 

Measurement of ground effect on these models has been made only with a fixed ground board'".    *he 
results, Figi.re 57, show that both the lift curve slope and the maximum lift coefficient are reduced as 
ground clearance is reduced, but the effects shown may be exaggerated by the presence of the boundary layer 
which develops on the fixed ground board. 

One disadvantage of the augmentor-wing configurations so far discussed lie in the noise they generate, 
typically some 115PNdB at a 500f^sideline compared with a goal of 95PNdB ror commercial aircraft.    The 
Boeing Company have investigated" alternative forms of nozzles to the slot nozzle, Figure 53.    The multirow 
lobe nozzle with a "screech eliminator" in a lined augmentor has actually demonstrated the objective 95FNdB 
.sideline noise.    Figure 59 shows that, for a given thrust coefficient, the aerodynamic performance of the 
slot and lobe nozzles are approximately the same. 

Boeings compared the effect of forward speed on the axial force, at a given lift coefficient and primary 
nozzle momentum coefficient, for   two augmentor configurations with that for an internal-flow jet-flap having 
the same flap chord ratio, Figure 60.    Whilst the axial force for the jet flap is essentially invariant with 
airspeed, the values for the augmentor configurations vary markedly with airspeed, and are more negative 
(higher thrust).    The shape of the axial force curve is well reproduced by the curve of the sum of the ram 
drag and the augmented thrust.    The difference between the axial force and the sum of the ram drag and aug- 
mented thrust is independent of airspeed, and, as static values of the thrust augmentation factor and 
entrainment ratio (as Figure 52) have been used in this calculation, this is taken to imply that the charac- 
teristics of the injector system are not affected by forward speed. 

b)      BLOWING THROUGH THE VTCMG- 

Quinn°°»°    has considered the application of injectors to aircraft requiring VTOL capability, where in 
the absences of forward speed there can be no circulation induced on the wing by the jet.    The necessity of 
making the thrust veotor pass through, or very near to the centre of gravity, then suggests that the injec- 
tors should be mounted in the wing, in contrast to their installation in the flap for a purely STOL applica- 
tion.    Figure 61  shews such an installation with two spanwise rows of injectors;  the intake and exit doors 
are arranged to deflect the thrust vector for transitional flight. 

At zero forward speed the injector is the sole source of lift; a high thrust augmentation ratio is 
therefore essential.    Installation within the wing results in a minimum length being available for mixing, 
whereas the achievement of high values of thrust augmentation has in the past required large mixing lengths. 
A special form of primary nozzle, known as the hypermixing nozzle, has therefore been developed with the aim 
of promoting rapid mixing.    The nozzle, Figure 62, is subdivided into a number of segments, and each segment 
imparts a transverse velocity to the flow of opposite sense to that imparted by its neighbouring segments. 
As a result vortices are set up at the junction of adjacent segments, which entrain additional fluid and 
accelerate    the spreading of the primary jet. 

A large seals model of a single channel was tested statically to determine the effect of mixing length, 
diffuser length, and of the ratio of the exit area to the area of the mixing section.    Subsequently a four 
channel model powered by a turbofan engine was tested; Figure 6} shows the level of thrust augmentation 
achieved, and the fact that the multi-channel results are in good agreement with the single channel data 
measured earlier.    Figure 64 shows that with forward speed, the lift component of thrust is augmented by 
circulation lift, whilst the axial component of thrust is opposed by the momentum drag.    An analysis of the 
stability and control of an aircraft with this form of thrust augmentation     has indicated that the aircraft 
oould perform a itable and controlled transition manoeuvre provided that the static thrust-weight ratio was 
of the order of 1,J, 
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APPBIDIX A 

SQUmONS FOR LIFT AND BUS COSFFICIXNTS DUE TO WILLIAMS SI AL1'30 

A.1.      LIFT 

Classical Jet-flap theory suggests that the lift coefficient C,    for a two-dimensional thin flat plate 

at an angle of incidence a, wltii blowing over a hinged flap of chortPratio Cj/e, such that the Jet is dis- 
charged with a deflection 6J( and with an effective momentam coefficient at the trailing edge of the flap 

*° * oe 

AC.      JC. 
The derivatives (TT=) and (r-=) have been derived by numerical analysis, end for blowing at the vlng 

J   «, OO 
trailing edge (of/o » 0) it has been found that they can be expressed as 

ML r ' $ '    ,"!* (rwS)      .1* C        (1 ♦ 0.151 C ♦ 0.139 C        ) döJ„        L      ►'eff ^eff ^effJ 

ac , A-2 

(■£&)      -     2* (1.0 ♦ 0.151 c'    '+ 0.219 c'     ) 
*°   ee u,ff u,ff 

dC, *CL 
For a thin wing of aspeot ratio AR with a full-span jet-flap the derivatives (rr-)     and (r—)     are 

,        i03 AR f-   AR 
obtained by multiplying the two-dimensional values by the factor F(AR, C        ) which can be written is 

, *Vf 
AR +      .JKeff 

F(AR, C '    )   - r^T 1— •   A.3 
^eff AR + 2 + 0.604 C       * + 0.876 C 

t*eff ►'eff 

For a wing of thickness-chord ratio t/c having a part-span flap corresponding to a fraction S^/S of the 
wing area, a more general expression for the lift was given as 

dC AC 
"be^• Sf .      Sf S. tyJ)    ♦ (S - S )  (J)   , C *      »0 

S ^eff       ^eff S oC. 

w%*     CO 

I 

With slot blowing *t the knuckle of a deflected t red ling-edge flap the effective momentum coefficient C 
■*4*f 

i      t 
can reasonably be taken as the excess Jet momentum over that required to achieve attached flow, ie C      - C    . 

"Pa 

t 
For a wing with boundary-layer control, the effective momentum coefficient C       is small, and the value of 

oC, , dC . 
(■?-=)  , C„       does not differ significantly from the attached flow value (r- )  , C„      »0,    The effect of 
e*   06     *>ff *a  •»     Meff 

boundary-layer control may be considered to be confined to producing a lift increment AC,, which is indepen- 
dent of the angle of incidence, and from equations A.3 and A.4 can be written as 

*CL - ÄF72 <1 ♦ !> » 6J & A-« 
•J  oo 

The tern -  (i  f —) has been replaced by -r- where a-  is the lift-curve slope 01' the thick, finite aspect 
Aft    T    ** C aC^ 

ratio wing in inviscid flow.    For these configurations an improved estimate of the part-span factor K has 
been obtained from the Hoy Ae Soc Data Sheets, and designated K^.    Finally the two-dimensional lift |ncrement 
has been written as a small perturbation of the two-dimensional lift increment for attached flow AC.   ,  so 
that equation A.6 is, for boundary-layer control by blowing 

~*Vff 
iCL    "    K h iCL*    PC ' A'7 

pc " '\ u _.     SfX_ A.8 
eff"      dC. 

Q>    . 
J «o   cHeff * ° 
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A. 2.      DRAG 

Classical Jet-flap theory indicates that tba dreg coefficient of a wing of aspect ratio AR with a full-span 
Jat-flap ia given by35 

h 
C    -   —r-      -  C *.9 u —  IB   .   or» *>ff * AR + 2C 

•Vff 
Mora generally thia has baan written aa 

t. C. 
CD-CD    + 

m_ - r C. 
o      x AR + 2C ^.ff 

A.10 

•*eff 

where Cj.   represents the boundary-layer drag of aurfaeea not subject to the Jet-flap effeot; the tern £■ 
o 

allows for departure« fro» elliptic loading for the basio unblown wing, and r allows for incomplete thrust 
recovery due to mixing and turning losses. 
For a part-span flap equation A.10 waa extended to become 

K1 CL2 

•".ft 
♦ AC.     -   r C 

DP * 
A.11 

'eff 

with ACj,   representing the increase in lift-dependent drag arising from the change of spanwise load 

distribution. 

For wings with boundary-layer control, and small values of C„      , equation A.11 has been simplified, to 
Wnai ^Wff become 

=D ;" % 

K1CL2 

+ AC-    - cos S. C 
»'eff 

A.12 

It was noted that the experimental values of AC-   were greater than the estimated values by a factor of 
up to 2. P 
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AIRCRAFT LIFT AND DRAG PREDICTION AND MEASUREMENT 
by 

G. M. Bowes* 

ABSTRACT 

Techniques for predicting and measuring 11ft and drag relationships for subsonic 
cruise flight are described. The status of this drag methodology is reviewed. Recent 
presentations on the subjr.ct are referenced and incorporated Into *n overall summary 
describing current capabilities for developing the basis of aircraft performance pre- 
dictions. The role of t!ie wind tunnel 1n airplane design and development is discussed, 
and the Importance of fight test measurements of specific range and engine parameters 
is emphasized. Theoretical developments for three-dimensional design and lift/drag 
predictions are described. The accuracy with which the drag levels of a new design 
can be determined is '.xamined. 

Examples of spe:1alized wind tunnel and flight investigations into the airflow 
and pressures on localized portions of an airplane are presented. 

INTRODUCTION 

Airplanes have become more efficient with time. Using the subsonic transport as 
an example, the 1973 airplane offers 

• Longer Range 
• Higher Speed 
• More Passengers 

while offering more comfort, reliability, safety, and l?ss community noise.  Some of 
these trends 1n performance are shown on Figure 1 , commencing with the 707 and DC-8 
intercontinental models. 
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The Improvement in efficiency may be evaluated in various ways. One basic para- 
meter would consider the productivity of the airplane (payload x ranqe) per pound of 
fuel. Figure 2 shows that the most modern transports are about 30% more efficient at 
a given payload fraction than the smaller, older long range aircraft. 
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Figur» 2: PRODUCTIVITY PER POUND OF FUEL 

These achievements result from advances in aircraft technology, particularly in 
the fields of aerodynamics, propulsion design, and structural design. With regard to 
aerodynamic technology, a brief historical review illuminates the gains which have been 
offered to the airplane designer. The Boeing B-47 was the first successful application 
of the theory of wing sweep to a "long range" design. It Involved significant advances 
into new technical areas of aerodynamics, structures, and fliqht controls. The L/D 
levels and cruising speed regime of the B-47 are shown on Figure 3 as an initial refer- 
ence for subsonic swept wing aircraft. This airplane represented a definite advance 
In speed for bomber aircraft - It outflew the P-80 fighter used as a pace/chase air- 
craft - and the range exceeded the program requirements. 
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Nor« advanced theoretical tools, which provided a better understanding of the air- 
flow over the upper sivface at supercritical Nach numbers led to the airfoils ««ployed 
on wings applied to the current wide bodied transports. Illustrated by the L/D levels 
labeled "1965" on Figure 3 . These wings were also developed larqely by experimental 
procedures, but with a auch deeper theoretical understanding of the two-dimensional 
characteristics of the airfoils. The Vickers VC-10 was perhaps one of the first air- 
planes for which three-dimensional theoretical wing desiqn studies were developed 
(References 2 and 3). The goal of determining the shape of a wing which will develop 
a specified pressure distribution In three-dimensional compressible flow has not yet 
besn fully achieved and is discussed in more detail later In this paper. 

These data show the piogresslve Improvements in aerodynamic design whlcn have been 
achieved in response to continuous competitive pressures demanding performance gains. 
The major technical advance has Involved the control of the drag due to supercritical 
flow over the wing by reducing the shock strength or by delaying Its formation to 
higher free stream Nach numbers. Both speed and range Increases have been Important. 
An increase in one of these Items at the expense of the other has not been considered 
as a viable trade. Whether these requirements will persist In the future is an Inter- 
esting question.  In view of the trends now evident on fuel availability and cost, new 
economic factors may well impact thsse design criteria such that different aerodynamic 
goals will become apparent for the next generation of aircraft. 

There is a vast body of literature on the subject of "drag". Predictive processes 
are well known and have been documented rather thoroughly in textbooks and in lectures. 
There are many experts, both within and outside the Industry. Nevertheless, the sub- 
ject remains open for discussion, and this suggests that the science, or art of per- 
formance prediction still has room for Improvements. The technology of airplane design 
Is not static, and the Introduction of nee? configurations operating In areas of fluid 
dynamics not completely understood has brought additional uncertainties Into drag pre- 
diction and measurement. 

In recent years, Improvements in theoretical methods of analysis and 1n test 
facilities (both full scale and model scale) have brought the basic methodology of 
drag prediction to an advanced state.  This 1s not to say that prediction accuracies 
are necessarily adequate, but rather to suggest that the uncertainties and their 

References are made throughout these notes to some of the recent presentations 
relative to the basic topic. One of the more significant collection of papers 1s 
contained in tne publication of the 1973 AGARD Fluid Dynamics Panel conference on 
"Aerodynamic Drag" held 1n Izmir, Turkey 1n Aorll (Reference 5). 

To summa.-ize this introduction, 
status of drag methodology. 

i   few statements are offered below as to the 

• Drag prediction methods derive lMir validity from both direct and deduced 
drag measurements.  These measurements are expressed 1n an overall air- 
plane drag polar as the end product, based upon flight tests, and are sup- 
plemented by various flight test and wind tunnel measurements of component 
configuration Items. 

• The most accurate drag predictions require extensive use of the wind tunnel. 
In addition, configurations which involve different and novel aerodynamic 
features or which expand the known and proven flight envelope may require 
new wind tunnel techniques to insure tn  understanding of the fluid flow 
effects. 

• Theoret'cal too!: "o not exist which by themselves permit the calculation of 
a drag polar fir  a subsonic airplane; however, the application of theory to 
fundamenta' fluid dynamic flow problems can be very significant to Ihe timely 
developmen of configuration design and is useful for critical analysis. 

BMMKI ■ 
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• The determination of Interference effects by the proper simulation of pro- 
pulsion system Interaction with the flow field «round the aircraft Is recog- 
nized as a major requirement for Improved accuracy of 11ft and drag pre- 
diction. 

• A bookkeeping system Identifying and accounting for all engine and alrframc 
contributions to "drag" 1s necessary, together with a terminology used and 
understood by the propulsion specialist as well as the aerodynamlclst. 

DRAG PREDICTION METHODS 

TRADITIONAL METHODS 

• nCTION 
• MKSSUM 

vAautnoN 
WITH cL or 

• MTRHKNCf • AUCTION 
• EXCttSCfNCI 
• eouoNMss 

•mssuK 
• NON-fUtTC 

tOAOvomx 

• iiumc 
LOAD 
VOtTtt 

• «MVt 
• SHOCK »MATION 

"P^QK^ 

Flour« 4: DRAG BUILDUP BY ANALYSE 

These drag elements can be conveniently organized Into the familiar equation for 
drag of subsonic airplane: 

CD * CD pmln *CD„ + CL 
2 

IT»T~ 

Ac DM (1) 

Subcrltlcal Polar Compresslbi 11 ty 
Effects 

The airplane drag Is thus identified 'or purposes of prediction and analysis by 
three major items. 

»Minimum Profile Drag 
• Subcrltlcal Lift Dependent Drag 
• Compressibility Drag 

In addition, there may be thrust-dependent terms.  These are discussed in succeed- 
ing paragraphs. 

Opmin is the minimum profile drag as identified at a qiven Reynolds number and 
nnt      rhin/)*  with  14#»  rnaffiriai<f      It   In^luHoc  hnth  ftlrtfnn  »n/J  m.Arni»* A - > m 
-pmin is me minimum proriie arag as loennriea ai a aiven Keynoias numoer an 

does not change with lift coefficient.  It includes both friction and pressure draq 

*CDp includes the remainder of the frlctl 
with lift coefficient and reflects wing section 
other configuration items producinq vortex drag 

** Dp includes the remainder of the friction and pressure drao. This term varies 
with lift coefficient and reflects wing section camber, non-elliptic span loading ard 
tfhar      rnnf innrlt  inn       1   t AM r       nrn/lur  i nn      vi r\ r- t a ■>       A w B n 
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CD, 
design s 
of areas 
to lift 
drag (or 
accordin 

Ac 
efflden 
changes 

Is the elliptical vortex drag under subcrltlcal conditions. A good wing 
ihould approach this elliptic loading at the design condition.  Identification 
on the airplane producing unwanted friction or pressure drag Increases due 

can be quickly made by assigning a 100X efficiency factor to the wing Induced 
a different level If logical), and analyzing the other airplane components 

gly. 

!>M is Identified as a coefficient which va» les with Nach number and lift co- 
t.  It may also vary due to the changes In the air flow accompanying thrust 

These simple classifications provide a logical framework within which drag pre- 
diction and measurement can be organized. The use of any prediction program depends 
upon the level of accuracy desired, the firmness of the airplane definition, and the 
analysis tools available. For preliminary design feasibility studies, the above model 
ea.i be applied In a simple "add jp the Increments" manner; but for an authoritative 
prediction on a wel1 defir.ed airplane a careful and thorough appraisal must be made 
not only of each individual element of the configuration but also of the aerodynamic 
interaction of each part of tne configuration, the simplified representation of the 
drag components given by equation (1) above Is rapidly expanded into more complex 
terms *hen serious design efforts get launched. This process, as currently applied In 
Industry, will call upon the usr of all the tools available to the aerodynamidst: 
historical data, empirical factors, wind tunnel data, and theoretical analyses. The 
manner In which these resources are used to blend together Into a prediction 1: sub- 
ject to the experiencs of the design team, the degree to which the configuration resem- 
bles previous models, and the amount of proprietary experimental data available to the 
engineer. Norton (Reference 6) discussed the application of this traditional approach 
to the estimation and analysis of airplane drag. Concern was expressed for the heavy 
reliance of the methodology upon "empirical data or empirical explanation of flow pro- 
cesses." This concern 1s still valid. 

ESTIMATION ACCURACY 

Each manufacturer has a methodology by whl 
The state-of-the-art is a dynamic one, and Impr 
ology nrt constantly being made. There is no s 
predictions, and any attempt to produce a unlve 
and provision for updating. However, there are 
Information on component drag levels and estima 
ence 9), the Royal Aeronautical Society Data Sh 
(Reference 11). The proof of these methods lie 
comparisons against the estimates are made and 
elements »re developed. Vtry few reports are p 
total comparison between prediction and test. 
be done in considerable detail to be worthwhile 
and expert technical attention. The results, w 
tary and become a significant part of a company 

ch a thorough drag estimate Is made, 
ovements and additions to the method- 
ingle, industry-wide handbook for such 
rsal process would require flexibility 
several basic sources of fundamental 

tlon processes such as Hoerner (Refer- 
eets (Reference 10) and the USAF 0ATC0M 
s in analysis of flight data, in which 
further refinements to the estimation 
ublished which attempt to reflect the 
One reason Is that such an  effort mus*. 
, and this requires adequate flight data 
nether good or bad, are highly proprle- 
s "know how". 

A chart is shown OR Figure 5 showing components of a drag polar for which a rela- 
tively high degree of prediction confidence is believed to exist, and also components 
for which the drag estimation process has proven to show a higher degree of uncer- 
tainty.  Confidence In the estimated drag polar will therefore vary for different 
flight speeds, i.e., the profile drag level is usually predictable with much more 
accuracy than 1s the drag rise. Experience has shown that of all the configuration 
Items, the propulsion system Installation can be the most troublesome and is the source 
of large errors in drag estimation. Particular care must be taken 1n identifying the 
potential Interference effects due to the engine installation and the associated thrust 
effects. 

Several reports recently published have discussed the ability to assess full scale 
drag components, particularly profile drag.  References 12, 13 and 14 provide compari- 
sons between flight test and predictions, and provide supporting evidence for the data 
shown on Figure S. A more detailed discussion of estimation accuracy is provided in 
the concluding section of this p;?er. 

THEORETICAL METHODS 
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Figur« 5: DRAG SOURCE AND ESTIMATION ACCURACY 
(LONG RANGE TRANSPORTS) 

At this point, the use of Integrated computerized design programs for more rapid 
analysis might be proposed. The computer is very helpful in comparing designs, ana- 
lyzing missions, and providing comparative performance data which suggest optimum 
trends. However, there are no computer programs which can accurately construct the 
total airplane subcrltlcal (not to mention transonic) polar based only upon a geometry 
definition, nor can the computer optimize the geometry to correct "deficiencies" which 
it might discover. As stated in Reference 15, "a comprehensive general theoretical 
drag prediction framework suitable for all the main current classes of military ana 
civil aircraft Is certainly not likely to be feasible for some time to come." Neither 
does an adequate empirical base exist for the computerized construction of a drag polar. 
Hodges In Reference 16 recognizes the need for additional data to establish generalized 
but accurate predictions for some configuration Items. Also, there 1s a lack of knowl- 
edge on the way to sum Individual component data for configuration Items which are 
mounted at various Incidence angles to each other, or which may involve interaction 
effects, or which Involve significant vortex drag at zero 11ft such as a cambered, 
twisted wing. 

WIND TUNNEL DATA 

The wind tunnel 1s an Indispensable tool 'or developing forecasts for full scale 
aerodynamic characteristics as well as for configuration design optimization.  Ideally, 
wind tunnel results are used to modify previously established data from flight tests 
of similar configurations.  In this manner, some of the more obscure sources of drag 
can be observed directly at model scale, such as non-elliptic vortex drao which may 
come from unsuspected components of the aircraft, or Interference effects due to the 
configuration arrangement, or to thrust effects.  Decisions can then be made as to the 
full scale characteristics which should be predicted. 

The wind tunnel Is the only experimental way in which the drag "buildup" can be 
accomplished, and it is thus an integral part of the eventual analysis of the flight 
polar.  The effert of Nach number and Reynolds number on the 11ft and drag, and in 
fact most if not all of the configuration items which have an impact on the relation- 
ship between lift, drag, and angle of attack are most easily and accurately observed 
by wind tunnel tests.  For Instance, the effect of span loading chanqes Jue to wing 
flexibility, or the variation and level of trim drag at various Nach numbers or air- 
plane center of gravity positions Is usually determined in the hind tunnel.  These 
comments are directed strictly at the question of draq measurement, and do not credit 
the major effort of basic configuration development and refinement for which the wind 
tunnel is also extremely valuable.  In addition, the wind tunnel is applied to specific 
diagnostic flow studies aimed at Improving the L/D of the aircraft, as discussed in a 
later section of this paper.  Finally, the wind tunnel is also used to provide flow 
visualization studies which have become art essential part of the airplane desiqn 
effort (particularly the wing) and the concurrent draq analysis.  An intelligent, con- 
fident forecast of the airplane performance cannot be made without this integration of 
information of all types from the wind tunnel - pressure data, force data, flow visu- 
alization studies - together with maximum correlation with full scale results on 
similar configurations. 
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Results fro« the wind tunnel are sometimes applied to full scale predictions 
without the benefit of baseline data from flight tests on a similar model.  In this 
case, heavy reliance must be placed on the corrections which must be applied to remove 
the "tares" from the wind tunnel data due to tunnel and support Interferences. Greater 
risks are assumed with respect to polar shape and drag rise characteristics than 1n 
the case where the ma. - scale effect can be attributed largely to minimum profile 
drag. 

THRUST - DRAG BOOKKEEPING 

One of the areas of drag prediction which may br1 
1s the determination of the contribution of the propul 
aircraft. This has historically been a cause for cone 
planes with a close coupled or highly Integrated propu 
the Inlet or the nczzle produced by the changes of air 
require careful testing In the wind tunnel In order to 
drag. It Is necessary that a clearly defined bookkeep 
order to translate the Ideal thrust as quoted by the e 
off" wind tunnel data Into accurate flight predictions 
establish whlrn terms will be Included 1n the propulsl 
will be class fled as drag. One approach taken by The 
commercial aircraft In which thrust Interaction 1s a s 
struct a drag ,iolar at: a given Mach number In accordan 

JREF 
AC. 

'INLET 

ng a large amount of uncertainty 
sion system to the drag of the 
em, particularly on those air- 
islon system. Interactions at 
flow accompanying thrust changes 
predict tne proper thrust minus 

1nq system be established In 
ngine manufacturer and the "power 

The first requirement 1s to 
on system definition and which 
Boeing Company for subsonic 
1gn1f1e*it variable, 1s to con- 
ce with the following equation. 

(Z) AC„ 
^THRUST 

where 

REF * ^"H scale projection of drag, lift, moments, including corrections 
Tor RM, excrescences, etc. The basis 1s unpowered, flow-nacelle wind 
tunnel irodel tests. 

^C°INLET * Incremental forces due to variable Inlet velocity ratio, determined 
experimentally. 

THRUST * Incremental forces due to fan or primary exhaust flow, measured 1n 

th» wind tunnel using powered nacelles. 

The boundary between thrust and drag Is established as a surface occurring on the 
wind tunnel model nicelles along the inlet stream tube, around the fan cowl (if a short 
duct Installation) md along an arbitrary fan or primary exhaust stream tube. This is 
illustrated in Figure 6 for an unde'wlng tnd also for an overwing engine installation. 
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Figur« öi  DRAG AND THRUST INTERFACE 
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The reference configuration for the polar constr 
flow-through nacelles.    Powered nacelles are  then tes 
thrust effects  are obtained using the ram pressure ra 
as a base.    These results are shown schematically on 
either the  "blown" type or the fully powered engine s 
If blown nacelles  are  used, additional   tests are requ 
mass  flow on the Inlet drag, which  Is assumed  to be 1 
conditions.    The engine simulator combines  the Inlet 
one  setup and more correctly simulates  the boundary 1 
wing and nacelle.    A detailed description of testing 
turbines  1s  available 1n  Reference 17. 

uctfon  1s an  unpowered model  with 
ted, and the  Incremental  exhaust 
t1o of the flow-through nacelles 
Figure 7  .    The nacelles may be 
Imulator type shown on Figure 8. 
1red to determine  the effect of 
ndependent of the exhaust flow 
and exhaust thrust effects  Into 
ayer characteristics between the 
with these small, high speed 
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accounting using this logic is summarized on Figure 9 which shows how the 
Ind tunnel model and the uninstaller! engine data are modified to provide 
performance predictions in accordance with resjlts from wind tunnel tests 
bove.  Where the variation of thrust level Is not a powerful factor 1n the 
at a given Mach number, as 1s the case with rr.ost of today's transports, 
for thrust can be synthesized Into the fore* data so that slightly modified 

haracterlstlcs are developed, i.e., ACDTHO||ST 
1
S treated as a function only 

be>*.  However, 1f there are significant thrust effects on draq, 11ft, and 
s at a given Mach number, the eventual data presentation is a series of 
hown on Figure 10.  Other components of the force data are also impacted 
ffects and are presented as shown on Fiqure 11 . 
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ance comfortably exceeded the predictions (the airplane landed with 85 gallons of 
gasoline remaining out of the original 450 gallons, enough fuel to have flown another 
thousand miles). 
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A major purpose of the predictive drag polar 1s Its function 1n the develop<snt 
of airplane performance charts over a wide range of flight conditions.  In discussing 
the accuracy with which such predictions can be made, a number of qualifications must 
be described. For this part of the discussion, let 1t be assumed that the time and 
activity span commences with the date of first flight and ends with airworthiness 
certification of the airplane. The technical p.jbiem is clear - the configuration Is 
defined and built, the engineering staff presumably has the full knowledge of the 
impact on performance of all the configuration changes which have been made, and (at 
least within the aircraft company), therefore the compliance to be measured refers 
to a carefully developed pre:ii_tion. 

Sl3niri':ant events which take place in this time period are ihown on Fijure 13 . 
A typical flight test program for a new commercial transport in the United States 
covers a period of nine to ten months, involving four to five aircraft with a total 
teot time of about 1500 flight hours. The initial test period of four to five ninths 
allows for basic data acquisition on the various systems (Includlig fie power plant), 
plus enough performance data to know whether the airplane and Its systems are operating 
close to or«far cff from predictions, and whether these misses are positive or nega- 
tive. On a successful program, enough favorable signals on the aircraft are acquired, 
Including substantiation of structural Integrity and handling quaiity criteria, to 
proceed with the rigorous certification program under the auspices of the government 
airworthiness agency. Meanwhile, additional aircraft are coming down the procuction 
line at an accelerating rate. Any changes found necessary in the test airplanes must 
be incorporated in the certified configuration and 1n all the production aircraft. At 
the time of certification, as many as 25 so 30 airplanes may be in final assembly or 
on the field waiting for delivery. This 1s not the time period when the aerodynamicirt 
Is writing a comprehensive paper on comparisons between flight test and wind tunnel 
predictions) 
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Figur» 13:  FLIGHT TEST PROGRAM MILESTONES 

FLIGHT TEST MEASUREMENT ACCURACY 

The performance testing for which the basic engine and airframe characteristics 
are defined consist of about 70 to 80 hours of flight time, usually concentrated on 
one airplana and a selected set of calibrated engines.  About two-thirds of this time 
1s devoteo to cruise performance, and the remainder on the takeoff a«c! landing config- 
uration.  These data will be used to modify estimated data already DubMshid in the 
operator's flight handbook and to establish levels used in showing compliance with 
guarantees, and to provide assurance of climbout and approach performance for certifi- 
cation purposes.  To achieve maximum accuracy, a limited amount of carefully flown 
test data is acqu.red for flight conditions considered most representative or critical. 
These test data are then expanded analytically to cover the entire range of conditions 
for which the airplane 1s to be used.  It 1s impossible in this limited time period to 
obtain meaningful flight test trends over a sufficient range of variables such as 
Reynolds number, altitude, weight, airplane e.g., etc., as the sole source of informa- 
tion from wliich to provide corrective trends.  Therefore, wind tunnel data and theory 
are used to modify and normalize the flight data.  This is necessary because in some 
cases of testing to establish trends, the experimental scatter with limited data is 
large enough to obscure the trend, and there 1s dubious validity to a literal fairino 
of such data. 

...  :■ ■ ,^, — _.. 
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Any generalized statement that the flight test has confirmed the drag prediction 
within ( ) percent needs qualification to be technically meaningful; furthermore, to 
offer evidence as to the degree with which one or two elements of the drag estimation 
process agree with predictions must be considered within the context of the total air- 
plane/engine performance remits. Such an analysis must also develop an estimate of 
drag on each element of the configuration and provide an assessment of all portions of 
the ae-odynamic terms entering into the construction of the draq polar. 

It is believed Chat the following accuracies in measurement Important to The defi- 
nition of performance ot~ several variables can be achieved: 

Table 1: FLIGHT TEST MEASUREMENT ACCURACIES 

MEASUREMENT ERROR 
DATA SOURCE Miles/Lb Thrust 

• One Flight ± 1.5* ± 2.0* 

• Several flights ± 1.0* ±1.5* 

• Several Airplanes ±0.5 to 1 0* ± 1.0* 

T>e results of tests on five separate Boeing 747's are shown on Figure 14 . It 
can be »en that the maximum deviation of data from faired curves on a given airplane 
is ± . and that the majority of test points fall within 0.5* of the faired curves. 
In comparison, data acquired in 1362 for the 707 are shown on Figure 15, and show a 
scatter of  + rt for a oiven airnlane. 
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Figur* 14: BOEING 747 FLIGHT TEST DATA F\gjn 15: BOEING 707 RIGHT TEST DATA 

These data show the progress which has been achieved in measurement accuracy due 
to the introduction of better recording Instrumentation, new techniques for onboard 
computing and analysis, improved calculation processes, and the use o the inertial 
navigator and autopilot for improved steady state flight test conditions. 

In addition to these conclusions, it is believed that, by extensive testing of 
calibrated engines and flight nozzles, the «jnqine performance as measured in a test 
cell u:;1ng the engine manufacturer's inlet and nozzle can be "tracked" to the in- 
stalled flight test performance with an accuracy of ± IS of thrust and fuel flow 
using level, steady flight techniques. 
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METHODS OF PERFORMANCE TESTING 

Flight test performance measurements may be-obtained from steady-state, level 
flight recordings In which stabilized levels of thrust, fuel flow, airplane speed and 
altitude, and other variables are obtained; or by non-steady maneuvers which rely more 
heavily on measurements of longitudinal and normal acceleration and angle of attack 
to compute lift and drag. Both methods require the determination of thrust from 
engine parameters. The steady-state procedure 1s more time consuming, but It produces 
the greatest accuracy (least scatter) and most correctly simulates the actual operat- 
ing conditions of a long range transport. This method develops the best data to 
correlate predictions from wind tunnel lift/drag polars and establishes a solid basis 
for resolving the basic range parameter - miles per pound - Into the components of 
alrframe drag and engine thrust/fuel 'low. On the other hand, a greater volume of 
lift/drag data can be acquired from acceleration or deceleration tests, or 1n care- 
fully flown wind-up turns or roller coaster maneuvers. These data provide m statisti- 
cal quantity which tends to offset the slightly qreater Inaccuracy of a given point. 
The non-steady maneuvers may be used to supplement steady state base points in some 
cases, or can be used a« Incremental data from the baseline conditions, and thereby 
efficiently fill In the jrld of lift/drag characteristics. This Is particularly true 
early In a flight test program where It Is desirable to establish firmly and confi- 
dently the engine ind a^rfra&ie performance, but where this Item 1s only one of many 
essential tests competing for priority. 
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accuracy of representative performance data from Boeing steady-state tests 
was summarized on Table 1 and 1n Figure 14 . An example of data acquired on the 
B737 airplane by the non-steady acceleration technique is shown on Figure 16 . A com 
prehensive description of these methods appllec' to a Grumman F-14 fighter was recentl 
presented (Reference 14) and this paper suggested that the following accuracies on 
thrust (drag) have been achieved: 

Type of Testing 

• Steady State Level Flight 

•. Quasi-steady 

• Dynamic 

Data Scatter-Drag Definition 

±11 (concurs with Boeing experience) 
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Figur« 16:  COMPARISON OF FLIGHT TEST TECHNIQUES 
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"...before production deliveries begin, all airlines fly one aircraft to check 
cruise performance at a number of points (altitude and speed) selected by the carrier. 

"ZK-NZL had a ramp weight of 208,480 -kg (459,700 pounds) for its performance 
flight. The takeoff-center of gravity was at 25 percent chord. Usable fuel was 63,000 
kg (138,915 pounds).  Zero fuel weight for the flight was 66,000 kc (147,700 pounds). 
Because the aircraft was empty, except for a small Instrument package and several 
temporary seats for the flight observers, a large amount of ballast, weighing 28,200 
kg (62,181 pounds) had to be carried in the hold to bring the weight to a high W/delta 
value. 

"The points to be checked on the ANZ DC-10 were as follows: 

Altitude (Ft)    Mach No.  W/delta (Millions) 

• 33,000        0.82        1.2 
0.83 
0.84 
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"Flying the nine points as tabled was predicted to take about four hours..." 

DRAG REDUCTION AND PERFORMANCE IMPROVEMENT 

Almost every airplane proiram is subjected, in respective order, to three major 
drives:  weight reduction, drag "clean-up", and cost reduction,  in addition, there 
of course is a program for obtaining more thrust and less fuel flow from the engine. 

The initiation of these improvements suggests that most manufacturers instill an 
optimistic and positive approach into their engineering staffs.  In any event, the 
weight reduction program Is initiated during the final stages of ceslgn and initial 
assembly, at a time when it 1s obvious as to the first airplane's weiqht status.  The 
drag clean-up starts shortly after the performance flight tests produce data in which 
all of the answers or. range appear to be on the low side of the prediction.  The cost 
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reduction program 1s Initiated when the corrective action from the weight and drag 
reduction programs become apparent. The drag clean-up may be Inspired by a failure 
to meet predicted performance levels (regardless of the engine performance) or by a 
demand to Improve performance in order to achieve further competitive advantages. 

A listing of Items which are normally Inspected and sometimes modified 1n a 
clean-up campaign are: 

• Seals 

• Skin Joints 

• Rivets 

• "Holes" 

• Rigging 

• Faired 
Surfaces 

Leading edge devices 
Controls 
Landing gear doors 

Steps, chamfering, gaps 

Properly installed in critical areas 

Correct manufacture and operation of valves, Inlets, exhausts, 
vents, etc. 

All movable surfaces checked, especially on the wing 

Nacelle struts, wing-body joints, stabilizer "elephant ears" 

These Items, If not designed or installed correctly, can easily account for a 
degradation of 5% of the airplane drag.  Large losses can occur In critical areas such 
as the «tig leading edge, where all movable devices must be carefully faired and sealed. 
Pumping of air through wing, body, an' empennage cavities can also cause measurable 
losses. 

Not listed above was the propulsion system, which includes the inlet, thrust re- 
verser, and sound suppressor, Experience has sii.:wn that losses due to leakage through 
seals In these systems, or by poor rcjdel scare measurement of drag around the nacelle 
afterbody, can cause significant errors In prediction of airplane profile draq or drag 
rise.  For instance, on the 707 Intercontinental airplanes with the P4H JT4A or JT3C 
engines, a major effort was expended to measure the drag 1n flight tests on several 
configurations of the sound suppressor/thrust reverser. The basic propulsion pod drag 
without SS/TR devices had been well established by analysis of the military KC-135 air- 
plane performance.  It was determined that the 707 drag could be improved by as much 
as 3* by covering and sealing the reverser cascades, and that Improvements 1n the 
tubular sound suppressor could offer another 1.5% drag reduction.  In a later investi- 
gation, modification of the fuselage contours above and aft of the pilot's windows, 
and improvement of the air conditioning inlet and exhaust controls, were tested. 
These items were thought to afford a potential of one to three percent reduction in 
drag, but it proved difficult to record significant differences consistently, and it 
was concluded that tlie changes would be of relatively small benefit and could only be 
made at considerable cost. An Improved scheduling of the inlet and exhaust controls 
for the air conditioning system was developed. 

In cases where a drag clean-up of relatively minor Items Is unnecessary or of 
minimum benefit, more major configuration changes of benefit to cruise L/D can be 
applied» to the aircraft.  These are sometimes incorporated into a model improvement 
program. Some examples of these changes as applied to commercial transports include: 

•Revised wing tips 
•Revised wing leading edges 
• Revised nacelle or nacelle strut; lines 

This type of modification usually ccmes after the initial design is well under- 
stood and in some cases when a new set of goals for the design is established. Re- 
sponse to these opportunities by such medifications has allowed the original aircraft 
to grow in performance capability and thereby achieve a level of efficiency far sur- 
passing the original point designs. 
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Figur« 17: PRODUCT DEVELOPMENT 

Configuration changes are also developed 1n flight tests in order to correct aero- 
dynamic characteristics affecting stability, control, or buffet limits. These changes 
may bring an accompanying drag reduction as a side benefit. For example, the use of 
vortex generators to eliminate a premature localized separation due to boundary.layer 
thickening in either subcrltical or supercritical flow conditions may result 1n a lower 
drag level and/or a higher airplane critical Mach number as well as Improved buffeting 
or stability characteristics. 

In summary, drag improvement efforts on long range subsonic aircraft can offer 
potenti i benefits as follows: 

1 Cleanup 

'Propulsion Installation changes, Including struts, sound 
suppressor, and thrust reverser and nacelle lines  

• Wing leading edge and tip  

• Miscellaneous - cab contours, fairings, body changes 

5% 

5» 

io: 

3% 

FLOW DIAGNOSTSC STUDIES IN FLIGHT 

Flow diagnostic studies r.ay an important role in the determination of flow con- 
ditions in localized areas on the airplane, and In understanding the fundanenttl aero- 
dynamic properties of the airplsne.  If problems are believed to exist, the objectives 
of such studies ars to examine the flow conditions at certain critical points of the 
airplane, identify problem areas where Improvements can be made, and then to evaluate 
the effec;iveness of fixes or refinements designed to resolve the problems. The flow 
diagnostic studies are also useful foi checking the validity of theoretical or experi- 
mental drag prediction methods which,  n turn, benefits the design of future airplanes. 

The techniques of In-flight flow diagnostic work are similar to those used in the 
wind tunnel, Thes* Include surface static pressure surveys and wake or boundary layer 
total pressure surveys as well as flow visualization. 

Static pressure surveys are often made with a multi-tube plastic belt which is 
temporarily attached to the alrframe by an adhesive.  This approach eliminates the 
necessity of making pressure taps in the alrframe, which 1s not only expensive and 
undesirable, but simply inadmissible in some areas (such as the spar box).  Total 
pressure surveys are performed with the aid of fixed p1to' rakes or remote controlled 
traversing pitot probes.  Flow visualization 1s most often dune by tufts, but other 
techniques based on dye Injection, or sublimation, have also been successfully applied. 

The Boeing Company has developed a new and unique precision flow measuring instru- 
ment tor diagnostic studies on aircraft in flight (References 22 and 23).  The Boeing 
Airborne Traversing Probe acquires data In two or three dimensional flow fields with 
far greater accuracy and detail then possible with conventional fixed probes or pitot 
rakes . 

« 
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The concept of this Instrument and its three pr 
shown In Figure 18 . Th« probe consists of four mai 
2) rotating arm, 3) drive unit, and 4) mounting base 
on an arm attached to a rotating shaft whose axis Is 
flow direction. During operation the probe travels 
normal to the flow. The probe location relative to 
the measurement of the angular position of the shaft 
encoder. A single probe with pltot-statlc and flow ■ 
surveying boundary layers and wakes in quasi two dim 
tall surface', etc. A multiple probe rake may be us 
»rt typical at intersections, jet mixing regions, et 
adjustment provisions permit the installation of the 
part of an airplane. A wide variety of sensor systei 
great versatility to the Instrument. 

A specific application of the Bosing Airborne Traversing Probe Is desiribefl ,.. 
the next paragraphs. This Is a typical example of how flow diagnostic studies may aid 
in the verification of drag methodology. 

I WAKE SURVEY I 

COVERED AREA 

Incipal modes of operation »re 
n components:  1) flow sensors. 

The flow sensors are mounted 
approximately parallel with the 

along a circular arc 1n a plane 
the airplane 1s determined from 
by a hiqh precision photoelectric 

direction sensors may be used for 
ensional flows such as on wings, 
3d in three dimensional flows that 
c. Several mounting options and 
instrument at practically any 
s may be used, which gives a 

in 

ARM-IASE 

MOUNTING 

DRIVE 
UNIT 

AXB- 

Rflum 18: AKBORNE TRAVERSING PROBE CONCEPT AND CONFIGURATIONS 

WING SECTION PROFILE DRAG MEASUREMENTS ON THE BOEING 727 

A flight test program was carried out on the Boeing 727 airplane to determine the 
drag characteristics of the outboard wing airfoil section.  The purpose of obtaining 
these data was to compare the actual full scale flight drag of a wing section with p e- 
dictions extrapolated from wind tunnel data or from theoretical methods.  The tests 
include* wake, boundary layer and pressure distr'hjtion measurements at the 62 percent 
semi-span location (see Figure 19 ). 

Figur» 19: TRAVERSING PROBE INSTALLATION ON THE BOEING 727 
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The principal results of these tests were the following: 

• The section drag 
close resemblanc 
variation of sec 
CD - CD1 - f(CL) 

(N at dcjj ■ .10) 

close, although 
(see Figure 20 ) 
In this partlcul 
Thus, using the 
prediction techn 

characteristics, derived from wake survey data, showed 
e to the complete airplane's drag characteristics. The 
tlon drag with C. , for example, was nearly the same as 
for the airplane. Also, the drag divergence points 

for the airfoil section and for the airplane were very 

the airplar.e's drag rise curve had somewhat more creep 
This Indicates that the airplane's drag characteristics 

ar case are dominated by the behavior of the outboard wing, 
outboard wing section for checking out the validity of 
Iques may be regarded as a viable approach. 

•The measured minimum section profile d 
higher than predicted from wind tunnel 
wind tunnel data used In this correlat 
the 727 wing. The data were adjusted 
ated to flight Reynolds numbers. This 
the measured and extrapolated values o 

roughness and excrescences on the alrp 
Increase In wing section profile drag 
in airplane drag estimates. The wing 
formed was Inspected and had numerous 
and manufacturing tolerances which wou 
excrescence drag. This is not represe 

rag at M • .73 was about 15 percent 
test data for a smooth airfoil. The 

Ion were also from wake surveys on 
to fully turbulent flow and extrapol- 
qulte sizeable difference between 

f £*->.  "as been attributed to surface dm in 
lane wing, although the 15 percent 
1s larger than traditionally allotted 
section where this survey was per- 
steps and bumps due to control devices 
Id account for this local level 0f 
ntative of the entire wing surface. 

• Correlations between flight test and predictions based on wind tunnel data 
are shown In Figure 21 showing the wing section drag polar at H « .73 and 
section drag rise at C] • .3.  The predictions represent the traditional 
approach:  the lift dependent part of the section profile drag, AC4 
and compressibility drag increment,  AC DM. lasured 1r. the wind ■p.* 

tunnel were added to the minimum section profile drag at full scale Reynolds 
number. Since the flight test data covering the M • .73 draq polar does not 
correspond to a constant Reynolds number, an adjustment of these data 1s 
necessary to make a valid comparison with wind tunnel results. 

This adjustment results in a rotation, i.e., an opening, of the flight 
polar, which now shows clearly lower ACj values than the prediction from 

wind tunnel data. The different polar shapes, however, can be explained 
by the relatively thicker boundary layer on the wind tunnel model which 
results in an apparent increase of the form drag. This example Illustrates 
the dependence of the AC. term on Reynolds number. 

P 

The correlation between the measured and predicted section drag rise char- 
acteristics as shown In Figure 21  is considered quite good, although the 
prediction is somewhat optimistic. There could be several reasons for this, 
such as: 1) Reynolds'number effects on AC<jM (rearward shift of transition 

on the model with Increasing Mach number, more favorable shock/boundary 
layer Interaction on the model, etc.), 2) Increase of excrescence drag with 
Increasing Nach number, or 3) differences in local loading between the air- 
plane and the model due to aeroelastlc effects. 

•OEiNG 7V FLIGHT DATA 
C. -0.3 

MAG COCrnCKNT 

0.010 - 

ed 

0.003 - 

AKPLANE MAG TEST 

SECTION WAKE SWVEY 

TEST SECTION 
(62% SEMISPAN) 

CE SWVEY-T. j' 

0 l-A»- 
0.70 0.75 0.80 

MACH NUMK* 
0.S5 0.90 

Figure 20:  WING SECTION AND ARFLANE DRAG RISE COMPARISON 
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Figur« 21:  FUGHT VS. PREDICTED SKTION PROFILE DRAG 

MEASUREMENT OF SPECIFIC RANGE 

In the opening paragraphs of t 
tance of the primary variables neas 
of fuel. Most of the above discuss 
quantity, and It 1s usually assumed 
Is equivalent to a corresponding ac 
a conscious effort is made to "clos 
taneously for both alrframe and eng 
attention Is sometimes focussed on 
data. This may occur easily 1f the 
different, and Independent efforts 
or "engine specification" are under 
and specific range must be a coordl 
when both the alrframe and propulsl 

his section, an emphasis was placed upon the Impor- 
ured In performance, particularly miles per pound 
Ions have been concerned with drag, an Inferred 
that accuracy In the determination of this Item 

curacy 1n range performance. This 1s only true If 
e the loop" and reduce a given set of data slmul- 
1ne performance.  In this era of specialists, 
separate, isolated studies of Interesting flight 
comparison models for engine and alrframe are 

for correlation of flight data with "wind tunnel" 
taken. The resolution of total thrust minus drag 
nated effort and 1s successfully completed only 
on system performance levels are established. 

This process, as pursued by The Boeing Company, 1s Illustrated by the diagram 
on Figure 22 . The first comparison to be made Involves a look at several Items - 
the specific range as measured directly - and also the component elements of alrframe 
and engine performance. The result of the Independent alrframe and engine performance 
..iilyses will produce a set of curves which, when re-comb1ned, will usually offer a 
slightly different grid of specific range than obtained directly from the flight data 
points.  Iterative adjustments to all of the curve fairings are then applied in order 
to »rri*e at the most acceptable final performance levels. 
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Figure 22:  DEVELOPMENT OF AIRPLANE POLAR AND ENGINE PERFORMANCE 
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WIND TUNNEL TECHNIQUES 

The wind tunnel can be considered an analog computer designed to simulate the 
flow field about an airplane in free flight. Actually, since many large wind tunnels 
art  directly connected to a digital computer, such an installation represents a hybrid 
computer system. The digital portion of this system controls tunnel conditions and 
data acquisition.  It also reduces the data and corrects them for imperfections In 
simulation of the airplane flow field in the wind tunnel. At the same time, the com- 
puter provides a real time display of the test results, a capability which greatly 
enhances the decision making process of the aerodynamicist.  The reduction of the 
data acquired in the tunnel consists of the following three steps: 

(1) Processing of the signal output of balances, pressure transducers, thermocouples, 
etc., to obtain the true forces and pressures acting at the model. 

(2) Correction of the forces measured to account for the differences between the flow 
field in the tunn«l and the flow field 1n free flight. 

(3) Extrapolation of the free air model data to the flight regime of the full scale 
airplane. 

Signal processing needs no discussion here, althouqh the Importance of on-line 
data reduction and display is sometimes overlooked. Development testing in the ulti- 
mate sense consists of a series of rejections and refinements until either the optimum 
design is determined or a time-limited selection is made. 

With respect to Item (2) above, three types of corrections are required: a) 
corrections to account for imperfections of the flow 1n the test section, b) correc- 
tions to account for the effect of the limited size of the test section (tunnel wall 
corrections), and, (c) corrections to account for the effects of the model suspension 
system (aerodynamic interference, elastic deflections). The first correction includes 
the static pressure calibration, tunnel.bouyancy, and upflow; the second item Includes 
the effect of the tunnel velocity profile and tunnel porosity. The third item pre- 
sents the more difficult problem, that of identifying and adjusting for the effects 
of the model suspension system. 

MODEL SUSPENSION EFFECTS 

A significant amount of uncertainty of the drag measurements is Introduced by the 
model suspension system.  Some of the more common suspension methods are shown in Fig- 
ure 23 . Each of the different mounting systems Introduces a different set of upflow 
and buoyancy corrections due to its own pressure field and due to obstruction of part 
of the wind tunnel cross-section. In addition, viscous drag 1s generated at the inter- 
section between the model and its mounting. At higher Mach numbers the interference 
between the model and its mounting system can lead to large errors In the determination 
of drag divergence Mach number if appropriate corrections are not applied. 

• AFT STING MOUNT • WING MOUNT 

flgunO-  TYPICAL MOOEl SUSPENSION SYSTEMS 
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Support system Interference effects can be determined by flying various combina- 
tions of model supports and dummy struts with the model upright and Inverted (Reference 
24). However, there always exists some uncertainty since the support corrections have 
to be determined as the small difference between two large numbers. These corrections 
may noticeably change both the Incompressible polar shape and the compressibility drag 
Increments. 

TRJP STRIP APPLICATION 

Due to the large difference In Reynolds numbe 
there 1s a considerable difference In the boundary 
ponents, thereby creating some obvious variations 
able Is a change in drag level and a significantly 
achievable in the case of the full scale airplane, 
aircraft 1s nearly always fully turbulent, extensl 
on a wind tunnel model flown at low Reynolds numbe 
regions depend on many factors such as streamwise 
quality of the model and the free stream turbulenc 
In any of these Items can significantly affect the 
layer flow, and thus model drag. 

r between wind tunnel and flight, 
layer development on the model corn- 

In aerodynamic forces. Host notice- 
higher maximum lift coefficient 
While the boundary layer on a large 

v* regions of laminar flow may exist 
rs. The size of the laminar flow 
pressure distribution, the surface 
e 1n the tunnel flow. Small changes 
size of areas with laminar boundary 

Standard practice In the past has been to use a forward trip at 5%  to 101 chord 
In order to simulate full scale turbulent flow and thereby more confidently adjust the 
wind tunnel profile drag data for Reynolds number. Wing pressure distributions so 
obtained matched flight observations and theory, particularly for subcritical flow 
conditions. Furthermore, data repeatability is greatly Improved when the point of 
transition Is fixed by a forward trip strip on all model components. 

The most widely used trip strip consists of a narrow band of carborundum grit, 
ased on data of Braslow (Reference 25), the grit size should be selected such that 
he Reynolds number based on local flow conditions and nominal grit height is greater 

0.2 0.4        0.6        0.8        1.0 
5EMI-SFAN FRACTION 

Figure 24:  ROUGHNESS REYNOLDS' NUMBER FOR TRANSITION 
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Unlike the turbulent boundary layer, laminar boundary layers can negotiate only 
very weak adverse pressure gradients without separation. Therefore, It is essential 
that the boundary layer be fully turbulent at the location of shock wave. But on the 
other hand, tripping the boundary layer at a forward location will lead to unrealistic- 
ally thick boundary layer at the shock which nay result In a shift In the shock posi- 
tion or In a premature shock Induced separation (Reference 26). By properly fixing 
the boundary layer transition point on the wind tunnel model, full scale conditions 
can be quite closely simulated at the usual wind tunnel Reynolds numbers. The required 
location of the trip strip can be predicted theoretically with acceptable accuracy by 
simulating the boundary layer characteristics at thr airfoil trailing edge. A more 
expedient and practical approach for determining the location of the trip strip on a 
three-dimensional wing 1s to observe the shock pattern without tripping, and thereby 
select the desired location at the chosen test Mach number and angle of attack. 

In summary, trip strips »re  essential for the proper simulation of full scale con- 
ditions on a wind tunnel model, but they must be carefully placed, considering the 
pressure distribution about the Individual components, free stream Mach number, and 
the purpose of the test.  Flow visualization of the wing upper surface with no trip, 
and with an aft trip 1s desirable for the determination of the extent and intensity 
of the shock under varying conditions of Mach number and angle of attack.  Visual 
inspection of the shock patterns thus obtained can be a primary guide to the use of 
the force and pressure data. Philosophically, the data developed from the wind tunnel 
tests for prediction must be synthesized from forward and aft trip results, and this 
synthesis encompasses all speeds and lift loading conditions. Practically, a judgment 
must be made from limited and specific sets of data, usually selected to represent the 
normal, typical operating conditions. 

EXTRAPOLATION OF WIND TUNNEL RESULTS TO THE FULL SCALE AIRPLANES 

Several operations are necessary to arrive at the full scale airplane drag using 
corrected model data as a starting point.  (1) The model data must be corrected for 
scale effects due to the one or two orders of magnitude difference in Reynolds numbers 
between the model and the airplane. (2) The drag of items which cannot be simulated 
in model test has to be assessed. These Items Include surface roughness, excrescences, 
leakage and lcsses due to the air conditioning system. (3) The impact of scale effect 
on polar shape and drag rise must be decided.  (4) Corrections for thrust effects, if 
any, must be applied. 

Prediction of the full scale airplane drag at hiqh subsonic Mach numbers is pres- 
ently based entirely on the wind tunnel measurements of the drag increments due to 
compressibility. There is a definite lack of  theoretical methods to reliably assess 
the drag rise characteristics of a complete airplane configuration, and in particular, 
the effects of Reynolds number on the drag rise. 

REYNOLDS NUMBER EFFECTS 

For most of the transport aircraft now flying, the effects of Reynolds number upon 
performance in the cruise configuration has been predicted with a reasonable degree of 
accuracy on the basis of low Reynolds number wind tunnel data. The new generation of 
supercritical, aft loaded airfoil sections, however, are more sensitive to scale effects 
than earlier airfoils.  Small changes in boundary layer displacement thickness can 
cause a large shift of the wing upper surface shock location, affecting both airplane 
drag and stability.  Thus, more emphasis Is now being placed on high Reynolds number 
wind tunnel testing.  The development and application of advanced aerodynamic configu- 
ration features is difficult to achieve If the experiments do not closely simulate full 
scale boundary layer conditions. 

FLOW DIAGNOSTIC STUDIES IN WIND TUNNEL 
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Figur« 25» VARIOUS BOUNDARY LAYER SENSING DEVICES 

Flow visualization techniques are of two basic kinds, such as surface flow Indi- 
cators and flow field Indicators. The first category Includes the various evaporation, 
oil flow (See Figure 26 ) and tuft techniques, while the second class constitutes the 
shadowgraph and Schlieren type of fiow visualization. 

A few typical examples of flow diagnostic type wind tunnel tests will be briefly 
described In the forthcoming sections. 

• MACH NO. -0.84 
• CL=0.33 

Flgum 26i aOW VISUALIZATION - OIL FLOW 

FLOW STUDIES ON A JET TRANSPORT CAB 

A comprehensive Investigation of the flow characteristics around th 
contemporary jet transports was made In a wind tunnel test using the Boe 
(Reference 27). The purpose of the study was to broaden the understand 
nature of flow'perturbances and associated drag penalties caused by the 
cab designs. It was noped that this knowledge would iead to Improved ca 
future airplanes. The test program Included static pressure surveys, bo 
surveys and flow visualization beside the standard force balance data 
configuration was &lso tested after the basic cab for comparison puroose 
pressure survey Indicated that a sharp negative pressure peak with local 
flow above M » .75 develops at the side corner post of the windshield, a 

e pi lot cab of 
Ing 737 model 
Ing of the 
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b designs on 
undary layer 
A faired nose 
s. The static 
ly supersonic 
nd high posi- 
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tlve Cp's prevail over a large portion of the windshield and nose cone (see Figure 27). 
Oil flow studies showed that a strong crossflow forms ahead of the windshield which 
leads to flow separation and vortex shedding at the side posts of the windshield. The 
boundary layer surveys revealed that the momentum thickness was significantly Increased 
In comparison with the smooth nose in the region affected by the cab, especially In the 
vicinity of the vortex trails shedding from the windshield (see Figure 28 ). The force 
balance data showed that the drag Increment due to the cab was about II of the total 
drag at M • .7 and about 2.5« of that at M ■ .85. 

On the basis of these results it was recommended that future airplanes should be 
designed with smoother cab contours and this inspired the development of the 747 cab, 
which represents a considerable improvement over the classical 707 design. 

f*~*3 iunmmmcM now  («„ 

c,      '.30   CM • i.o) 

ISOBARS ON THE FOREBODY 

Flout» 27: CAB ?LOW STUDY IN WIND TUNNEL 

• M-0.85 
• a » 4 DEGREES 

FARED CAB 

FAIRED CAB 

ORIGINAL CAB 

0        .005      .010      .015 
MOMENTUM THICKNESS, * ( IN.) 

Figur» 28:  EFFECT OF CAB FAIRING ON THE BOUNDARY LAYER MOMENTUM THICKNESS 

WING PROFILE DRAG MEASUREMENTS ON THE BOEING 727 

A typical example of flow studies to analyze a wing design is demonstrated by 
tests of the Boeing 727 model.  Measurements included wake traverses at nineteen loca- 
tions along the span and supplementary static pressure surveys and flow visualization. 
The test setup is shown on Figure 29 .  The main objective of the test was to deter- 
mine the spanwise variation of profile drag as represented by the wake momentum loss. 
The results then were correlated on the one hand with theoretical calculations to 
verify such computation methods and, on the other hand with fliqht test wake drag 
measurements which in turn were intended to check the validity of scaling techniques, 
including the estimation of surface roughness and excrescences on the real wing.  These 
correlations were described in a previous section of this paper. 
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TEST SECTION 
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Figur» 33i EFFECT OF NOZZLE PRESSURE RATIO ON STRUT PRESSURES 
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Flflur« 34: PEAK MACH NUMBER ON THE PYLON 

ADVANCES IN TECHNIQUES FOR 
ANALYTICAL LIFT AND DRAG PREDICTION 
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AIRFOILS 

Current practice for the design of subsonic wings typically uses the outboard wing 
section as the basis for the performance characteristics of the complete wing. The 
sectional load and Isobar pattern of the outboard wing are generally chosen to reflect 
known aerodynamic characteristics of associated two-dimensional airfoil sections. The 
outboard upper surface Isobar distribution Is generally embodied In the wing root region 
as well, and serves as a basis for tailoring the wing root geometry. Consequently, the 
design of an efficient subsonic wing begins with the development of suitable two- 
dimensional airfoil sections. 

The design of two-dimensional sections in the recent past was largely based on 
the theoretical calculation of their pressure distributions at subcrltlcal Mach numbers. 
a capability that 1s now routine with modern computers. Figure 35   shows a typical 
calculated result for an advanced, rear-loaded section. The experimental pressures 
are shown for comparison. The effect of the boundary layer on the pressures may also 
be included in such calculations, although this was not done for Figure 35    While 
being very accurate at low speeds, these basically linear computational methods cannot 
calculate the transonic pressure distribution cf the airfoil at Its cruise condition. 
Consequently, a design process evolved based on empirical extrapolation of subcritical 
potential flow characteristics into the transonic regime to allow aerodynamicists to 
design airfoils posessing good transonic characteristics which could be applied to the 
outboard portion of a wing. However, the transonic lift and drag cannot be calculated 
directly by this process, since accurate theoretical transonic pressure distributions 
are ordinarily not available. Consequently, those needed performance characteristics 
are obtained through experimental testing of the sections designed by the theoretical/ 
empirical approach. 

0.4-*- 

Flgura 35. THEORETICAL PREDICTION OF SUBCRITICAL 
PRESSURES ON A TWO-DIMENSIONAL AIRFOIL 

Other empirical methods have been devised that are aimed at obtaining a direct 
prediction of the transonic potential flow pressure distribution. An example is the 
procedure of Sinnott (Reference 28).  Figure  36  shows the predicted transonic press- 
ure distribution by a method similar to that of Sinnott, for the same airfoil as on 
Figure 35    It is seen that the method predicts the supersonic region quite accu- 
rately, up to the point of shock impingement.  Whereas the boundary layer calculation 
for the predicted pressures might produce an accurate estimate of skin friction, the 
pressure drag and lift components would be in error by a sizeable amount because of 
the error 1n shock location.  Consequently this approach was generally not successful 
1n eliminating the requirement for extensive experimental testing of two-dimensional 
airfoil sections. 

The obvious need was for a computational procedure capable of accurately predict- 
ing the nonlinear transonic flow about an airfoil section, and there has been extensive 
progress in this area in recent years emanating from the work of many investigators. 
Developments have now reached the point where the aerodynamic ist can calculate, rather 
routinely, the inviscid transonic pressures for an airfoil, albeit at considerable com- 
putational expense on a large computor.  Figure 37   gives the predicted pressures for 
the same airfoil as on Figures 35   and 36  , as calculated by the method of Gara 
bedian and Korn (Reference 29), only one of several currently in use.  It is seen that 
the agreement between theory and experiment is excellent when proper account is taken 
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of the boundary layer. It Is also apparent that proper representation of the boundary 
layer and Its Interaction with the Invlsdd flow 1s essential In the theoretical 
analysis. This further capability Is still In the developmental stage and cannot yet 
be classed as routine. Nevertheless, developmental computations, for the example shown, 
predict a drag of 100 counts, whereas the measured drag 1s 97 counts. The predicted 
drag Is composed of skin friction and pressure drag, with the skin friction found from 
an Integral boundary layer solution scheme with an empirical step thru the shock, and 
the pressure drag found by Integrating the calculated pressure forces. As developments 
proceed, a routine analytical capability will become available to the aerodynamlclst 
for reliably predicting the 11ft and drag of new transonic airfoils, and this will lead 
to more rapid exploration for advanced airfoil designs without the need for a compre- 
hensive parallel testing program. 
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WINGS AND BODIES 

With known transonic 11ft and drag characteristics of the alrfo 
with the rules of simple sweep theory as a moderator, the aerodynami 
the design of the wing and the estimation of Its 11ft and drag with 
One procedure 1s as follows: the designer begins with the selection 
tlon that will provide the desired performance, at specified values 
thickness based on simple sweep theory considerations. The subcrltl 
pressures (I.e., aralagous to those of Figure 35  of the airfoil) 
simple sweep therry to'become the upper and lower Isobar design goal 
the presence or the body. The governing assumption 1s that these su 
will develop Into the same transonic pressures that were observed fo 
dimensional airfoil, I.e., analagous to those of Figure 36  , thus 
wing the transonic performance observed for the airfoil. Theoretlca 
design methods are currently available for the wing-body configurat 
produce essentially exact solutions for subsonic inviscld flows, but 
that the supercritical flow regions are not correctly predicted. Fi 
the representation provided by a theoretical analysis method typical 
use, which Involve surface distributions of source panels. 

11 as a base, and 
cist can approach 
increased confidence. 

. of an airfoil sec- 
of sweep and wing 
cal design condition 
are corrected by 
s for the wing in 
bcrltlcal Isobars 
r the basic two- 
reproducing for the 
1 analysis and 
ons that routinely 
with the limit 
gure 38 illustrates 
of those In routine 

TYPICAL MATHEAAATICU SURFACE 
REPRESENTATION SEGMENT 

Flgu» 38: POTENTIAL FLOW SOURCE PANELS FOR WING-tODY SOLUTION 

The first order of business for the aerodynamidst is to tailor the wing's twist, 
camber and thickness forms to achieve a good root isobar pattern that blends into the 
intended outboard isobar pattern, while producing favorable span loading distribution. 
This process usually Involves iterative use of the theoretical design and analysis 
tools and leads to trades and compromises of various detailed objectives, a prime 
underlying objective being to prevent unwanted drag while providing the intended 11ft 
at the cruise condition and maximizing structural efficiency. 

It should be pointed out that this design produces the shape of the wing at the 
1-g load condition.  Further steps are required to determine the required jig shape or 
for other flight loadings. The same analysis methods used to design the wing can be 
used to formulate an aerodynamic influence coefficient matrix, which, when coupled to 
the structural flexibility matrix, allows determination of the „'g shape.  In this way, 
the aeroelastlc design cycle and the airplane performance can be controlled in a dis- 
ciplined framework common to each technical area - performance, structures, and flight 
dynamics.  The timing of the preliminary design cycle as expressed in Reference 30 can 
be considerably compressed with today's analytical capabilities. 
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Taken together, Figures 39,40 and 41 are proof that the pressures on a wing and 
body, and consequently the lift, can be calculated with a high degree of accuracy. 
This allows the drag of the wing to be approached analytically as well.  With the Cp, 
drai.i method, the wing drag may be expressed as: " 

cD wing CDn CD 

where CQ Cn    + 4 Cn upmm   u up 

" "interference 

2 

ACDM 
(3) 

CL' CQ1     ■     induced  drag,     (  —ff AR    ) 

'^interference    "    drag d"e  to corner flows   1n   intersection  regions 

ACD M drag rise effect 

basis, the profile drag, CD_, is made of skin friction and pressure 
dary layer. These are both' predicted by obtaining a boundary layer 
basis for the wing, using the analytical pressures, and applying 
e-Young drag formula. The deviation of induced draq from the ellip- 
culated from Trefft/ plane methods, using theoretical spanwise load 
re 43 demonstrates that this procedure can accurately provide these 
ng drag.  The remaininq components,  ACn an(j ACn 

interference      M 
ed empirically.  Being able to calculate analytically the major 
drag allows the aerodynamicist to more accurately estimate the 
reducing the dependence on empiricism, a particularly valuable 
ing with new or unusual configuration for which an experimental 
availaule. 

The pressures on the body are provided along with those for the wing by most of 
the present potential flow analytical methods.  Local body problem areas such as aft 
body closure or upsweep may be evaluated on a pressure gradient criterion, but the 
state-of-tne-art cu-rently prohibits boundary layer calculations for a realistic body 
with crossflows arising from wing and local body effects.  Consequently, evaluation 
of the total drag of the wing-body combination must still involve the application of 
empirical factors, with confirmation by wind tunnel tests. 
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EMPENNAGES 

The design and analysis of the empennage can b 
dimensional potential flow analysis Methods. The a 
design of the horizontal tall In the presence of th 
wing's downwash field. The objective Is to achieve 
tributlon that provide an efficient tall loading wl 
undue drag while providing th« required lift. F1gu 
distribution for a T-tall and a low horizontal tall 
spanwlse loading (elliptic In this example). It Is 
tall can be far fron flat, and that the twist near 
depending on whether the tall Is a T-tall or a low 

e approached with these sane three- 
pproach Involves the theoretical 
e body, the vertical tall and the 
a camber, twist and thickness dis- 
thin the context of preventing 
re 44 shows exanples of the twist 
both designed to have the same 
noticed that an elllptlcally loaded 

the fin or body Is of opposite sign, 
tall. 

The analysis techniques used for this design provide pressures on both the vertical 
and horizontal tall. The boundary layer can thus be calculated and the skin friction 
and pressure drag obtained In a manner similar to that for the wing. Total airplane 
Induced drag can be calculated from a Trefftz plane analysis. The Interference com- 
ponent and drag rise component of tail drag must still be obtained by comparisons with 
previous designs and the application of empirical factors. 
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NACELLES 
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More recently finite difference techniques have been developed which can accurately 
predict the 1nv1sc1d transonic inlet flow.  Shock waves are predicted and losses can 
be Integrated to compute the nacelle drag rise. These methods, coupled with a boundary 
layer analysis, will soon reduce considerably the amount of Isolated wind tunnel test- 
ing required. 

The exhaust system design is perhaps harder to approach analytically and engineers 
have generally relied on an empirical approach. Some success however has been reported 
using an ax1symmetric method of characteristics for the supersonic jet coupled to a sub- 
sonic potential flow analysis exterior to the jet boundary. Generally, however, the 
jet flow becomes subsonic and the method of characteristic marching procedure falls. 
Fully transonic jet computer programs are currently under development, using many of 
the Ideas of the transonic Inlet and alrfol1 methods, and should provide a valuable 
tool for afterbody design. 

Installed Design 

Many a good isolated nacelle design nas proven less than satisfactory when In- 
stalled on a wing with a strut. This can be due to shock waves Induced by wing, strut 
and nacelle Interference as well as wing/strut/nacel le flow field effects or, nacelle 
jet. 

A traditional tool for assessing these effects is a cross sectional area plot 
encompassing portions of wing, strut, and nacelle. The designer tries to achieve 
as smooth an area distribution a« possible consistent with the design constraints 
(e.g. flutter). 

Currently more sophisticated techniques than simple area plots are available to 
predict Interference effects. This 1s possible using subsonic three dimensional poten- 
tial flow computer programs wherein usually some simplifying assumption is required 
regarding the jet boundary. Using such a program, one can examine the Influence of the 
Installation on the Inlet pressure distribution as well as pressure loads likely to be 
Imposed on jet exhaust boundary. These data coupled with previous experience provide 
the designer with a good assessment of expected interference effects. 

Three dimensional potential flow programs also allow the designer to predict the 
....vts of the nacelle and strut on the wing load and pressure distributions and pro- 
vide an opportunity for designing the wing 1n the presence of nacelle* ~ - ------ 
Figure 45 gives an example of the wing twist modification required to 
Isolated wing/body span load in the presence of nacelles and struts. 
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data confirms that the twist change produced the desired effect. 

The ab'llty to predict the subcrltlcal load for the entire geometry allows for 
drag Improvements that would be difficult to achieve purely on an experimental basis. 
For instance, Figure 46 presents the span load for a wing/body with four nacelles and 
struts designed for minimum Induced drag, which leads to side loading on the struts 
and corresponding small spanwlse discontinuities In the load distribution on the wing. 
Such a design has about IX less induced drag than an el 1 lpt1ca 1 ly loaded wing with 
unloaded struts while preserving the same 11ft. 

A second and distinctly different nacelle integration problem is the close-coupled 
installation. This denotes an arrangement wbere the nacelle produces a major perturba- 
tion on the local forces of the configuration. The production B737 nacelle and strut 
is an example of this type of Installation, and the analytic potential flow solution 
is a valuable tool for giving the aerodynamlclst a picture of the distribution of the 
total forces on the configuration. For example, Figure 47 presents the calculated 
velocity vectors for the B737 nacelle strut. In the presence of the nacelle, wing and 
body. The flow Is seen to be yier^  orderly on the strut, with no large changes In flow 
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direction, which Mould suggest large local pressure gradient. However, Figure 48 
shows the analytical prediction of span load for the wing-body and for the complete 
configuration, and a large effect of the nacelle Installation on the wine. >s indlca 
These figures serve to Illustrate that successful Integration of a close-coupled 
nacelle arrangement can be assisted by these analytical solutions, by giving the ae 
dynamlcist details about the flow field that are difficult to achieve experimentall 

ted. 
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Figure 48: ANALYTICAL SPAN LOAD EFFECT OF CLOSE-COUPLED NACELLE 

APPLICATION Or THEORETICAL ANALYSIS TO CONFIGURATION DETAILS 

The above discussions Illustrate the manner In which theoretical design methods 
are being used to assist 1n developing a configuration. Emphasis has been placed on 
the Insight which the current analytical techniques provide Into wing design, particu- 
larly the chordwlse and spanwise loading under cruise conditions.  The methods are not 
adequate to displace either experimental methods or data banks of historical informa- 
tion. However, they can provide valuable support 1n preventing the occurrence of 
unnecessary drag.  Two representative examples are glve.i: 

The first of these examples Is the design and analysis of the shape of the pilot 
cabin.  The exoerime-ntal part of this paper shows that a flat-paned cab with sharp 
corners can produce one to two percent additional airplane drag, as compared to a 
smoother cab design.  While the analytical method cannot predict the drag difference 
between the two designs. Figure 49 shows that the analysis process can provide guidance 
in the design and selection of a good cab.  The figure shows a flat-paned cab to have 
high local pressures, sharp gradients, and extensive local supersonic flow.  The curved 
pane cab is shown by analysis to be considerably more moderate In terms of its pressures. 
Intuitively, the curved-panel cab would be preferred from its potential lower drag (and 
lower cockpit noise levels) based on the calculated pressures. 

The second example concerns the wing-body intersection, and in particular the wing 
rot>. 'eading edge fairing into the body.  Figure 50  presents the experimental result 
of a fairing designed with a three-dimensional potential flow analysis method (Reference 
31).  The objective of the design was to reduce the wing-body interference by preventing 
corner separation, and the analytically designed fairing is seen to prevent this separa- 
tion.  Again, the analysis cannot predict the drag, but instead can be used to prevent 
drag. 

In review, the potential flow and boundary layer analysis methods available to the 
contemporary aerodynamlcist can greatly enhance his ability to design efficient lifting 
geomatrles.  In most cases, the design/analysis process provides information to help 
prevent excessive drag, and in some cases- the actual drag can be calculated. 

mm 
—■=-■■- iii ■     —- —i 
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NEAR-TERM DEVELOPMENTS IN LIFT AND DRAG PREDICTION 

The limitations of current three-dimensional theoretical analysis methods now in 
daily use restrict their application to Mach numbers that are low enough to exclude 
locally supersonic flow, and to geometries which have negligible crossflows for boun- 
dary layer predictions.  In the near term, advances in analytical methods promise to 
place in the hands of the aerodynamicist the ability to calculate the inviscid cruise 
Mach number pressure distributions, and to provide limited capability for the analysis 
of certain classes of three-dimensional boundary layer flows.  There are three distinct 
areas where useful near-term development is anticipated: 

First, the three-dimensional mixed supersonic-subsonic pressure calculation by 
analysis will be a major advance in the field of wing design.  Figure 51  presents a 
truly significant result in this direction:  the first calculation of the flow about 
a three-dimensional wing at transonic speeds with an imbedded shock wave (Reference 32). 
The solution shown is for a wing with biconvex section, but the analysis method is not 
inherently prevented from handling the case of lifting wlnq with a round leadina edge. 
In fact, Steger and Baily have calculated results for the lifting eise.  In addition, 
Jameson has recently shown a similar result for a yawed wina (Reference 33).  Using 
past experience, these methods in improved form will be availaole for neneral use by 
the aerodynamicist within the next few years. 
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The second area of Improvement will hopefully be in the prediction of the occur- 
rence and location of off-body vortices. In particular, the vortices off a nacelle 
forebody or the forward fuselage have particular significance in regard to stability; 
the ability to calculate these vortices will allow designs that prevent or control 
their formation without unduly penalizing the 11ft. 

A third area of significant payoff will be an improved capability for modeling 
jet effects and the Interaction of a jet with the external flow about the airframe. 
This Is becoming Increasingly Important In view of the trend toward close-coupled 
nacelle Installations and the Increasing dependence on theoretical analysis tools 
for aerodynamic design. 

These added analytical capabilities will all be valuable to the aerodynamicist, 
and will be used as toon as they become reliable.  It 1s difficult to guess the order 
of their appearance, but the calculation of surface pressures at the cruise Nach 
number will probably be in wide usage first, and Is the one that Is most needed. 

jiMk 
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SUMMARY 

Orig estimation procedures are not exact. Inaccuracies and uncertainties have 
been present In the past, and are still with us. There Is no room for smugness on the 
part of any design team with regard to superior capabilities In this field of lift/drag 
estimation and prediction, for the record clearly shows that each configuration entails 
a risk. This Is true not only with older designs but also with the advanced double- 
aisle planes now In service. Most aircraft have had their 1n-house program of review 
and Improvement, with resultant changes not necessarily publicized broadly. A bit 
of wing tip here, a change in nacelle fairing there, a few seals 1n the slats - there 
1s always a need for such corrective action. 
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In considering this long term overview, the designer is really faced with perform- 
ance predictions which Include errors from two sources: 

• Errors due to lack of configuration definition 
• Errors due to Inaccurate methods 

The prediction Inaccuracies early 1n the program due to Inadequate geometry defini- 
tion are greater than inaccuracies due to methodology. An example o'  the progress of 
an airplane development and the associated trends in drag accuracy is given on Figure 52 
As the design progresses, the geometry definition error washes out, and methodology 
error becomes most Important. 
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friction drag, Induced drag, 
(Reference 15), "Before the f 
of the drag estimates should 
certainties in the interprets 
mental models, and second-ord 
The result is a potential err 
number as shown on Figure 53 
drag more accurately at the s 
in the ability to predict the 
drag assumes a greater signif 
errors associated not only wi 
critical Nach number, but als 
The level of probable error 1 

trim drag, and compressibility drag. As Butler has noted 
irst flight of the prototype, the spread of the bounds 
have been reduced to that associated with residual un- 
tion or extrapolation of test data on specific experi- 
er doubts about the application of prediction methods", 
or around the best guess levels which varies with Mach 
. This curve illustrates the probability of estimating 
ubcrltical flight speeds where higher confidence exists 
drag components. At cruise speeds, the Mach dependent 
icance. The confidence band Includes an allowance for 
th the prediction of the drag Increment for a particular 
o with the prediction of the critical Mach number Itself, 
s discussed 1n the final remarks. 

POSSIBLE ERROR 
IN PREDICTED L/D 0 

(%) 

NOTE: 
SCALE TO BE CHOSEN BY USER 

0.70 0^ 0780 Ö\85 
MACH NUMBER 

0.90 

Attention ha 
system on estimat 
most concern beca 
due to the influe 
drag rise. Examp 
mounting strut 11 
the B737, the DC- 
the approach to 1 
partially quoted 
initiated . . . . 
(2) an extensive 
tests. Modiflcat 
drooped wing lead 
fillet redesign t 
fairings. The 1n 
cruise performanc 

Hgure 53: POSSIBLE ERROR IN PREDICTED L/D 

(LONG RANGE TRANSPORT) 

s been directed throughout this paper to the Impact of 
Ion and de.ign studies. This Item is perhaps the sing 
use of it' obvious impact upon thrust/drag accountable 
nee of thi propulsion Installation upon the wing-body 
les of airplanes for which significant Improvements in 
nes were made after Initial production models were dev 
8, the Super VC-H), and the Convair 990. A classic de 
mproving the latter airplane 1s reported in Reference 
as follows, "An extensive drag reduction program on th 
consisting of three general phases: (1) exploratory 

engine nacelle wind tunnel investigation, and (3) deve 
ions of the following nature were established: (1) a 
ing edge, (2) a nacelle afterbody extension, (3) a win 
o more generous lines, and (4) the addition of engine 
corporation of these modifications has resulted in the 
e in excess of the original guarantees." 

the propulsion 
le factor of 
ity and also 
drag level and 
nacelle or 

eloped include 
scription of 
34 and is 
e 990 was 
flight tests, 
lopment flight 
sharper, less 
g-fuselage aft 
nacelle and pylon 
achievement of 

One illustration of further variations 1n performance levels - those determined 
from different series of flight tests - was presented for the DC-10 in reference 19, 
which was previously quoted in the Flight Test section of this paper. The range factor 
comparisons are shown on Figure 54 , and these provide an Insight into the differences 
between an estimated performance level, prior to flight, and results obtained during 
Initial fiight tests. Flight results at relatively low Mach numbers were 3%t below 
predictions, and results at higher speeds exceeded predictions by a similar amount. 
At top speeds, there was little difference. Later tests, with a small wing tip exten- 
sion, showed a benefit from this change at speeds below Mach 0.83. These data illus- 
trate s)me of the differences in performance levels which, although small, must be 
measured, analyzed, and reconciled in establishing a final level for accurrcy compari- 
sons. 

mm mmtmmmmmmm^ 
rim ii —-wf niii—mii 'i 



1.74     0.76     0.78     0.80     0.62     0.84     0.86 

MACH NUMBER 
REFERENCE: INTERAVIA, JUNE 1973 

Flgu^ 54: RANGE FACTOR COMPARISON - FLIGHT TEST VS. PREDICTION (DC-10-30) 

References 12 And 14. The first of these Involved extensive tests and analyses on the 
Lockheed C-141 and C5A, supported by both company ami NASA research efforts. This 
paper describes in detail the prediction procesr as employed by Lockheed, emphasizes 
the Importance of profile drag estimation, and reflects a design philosophy which mini- 
mizes Interference effects by designing for smooth area distributions. The second 
reference summarizes results of correlation studies on the Grumman F-14 fighter. This 
study likewise shows good agreement and correlation 1n prediction of subsonic skin 
friction and profile drag and drag rise. However, It Is difficult to determine from 
these studies what the pre-flight prediction levels of either component or total air- 
plane drag were. 

With regards to the status of drag prediction methodology, Butler (Reference 15) 
has recommended "a more enlightened approach in which the synthesis of drag is achieved 
by compounding elements arising from different basic causes, associated more directly 
with the nature of the fluid dynamics." Butler's review also emphasizes the need for 
flight test anchor points for drag prediction models, discusses the potential for pre- 
dictive errors even with "closely related members of a given aircraft family", and 
mentioned the Inadequacies of analysis efforts of "prototype" flight drag data if test- 
ing 1s compromised by schedules and budgets. These are real concerns and apply to 
early production tests as well. 

Theoretical methods for drag estimation are not available at this time as a re- 
placement for experimental studies. Theoretical design methods, however, are essential 
to the development of a configuration and to the compression of the design cycle time 
span. The "synthesis" approach to drag estimation recommended by Butler will provide 
a framework for the introduction of advances In theoretical methods as they occur. 

In conclusion, I would like to offer a rating for comment which represents a 
purely personal opinion as to accuracy levels which might be expected on a subsonic, 
swept wing commercial transport design. These figures represent the accuracy with 
which an aerodynamicist can estimate the L/P for use in a performance document, and 
assume he has for his beneficial use a series of wind tunnel tests which accurately 
incorporate the specific shapes of wing, body, empennage and propulsion system of the 
proposed design.  I would suggest that, at cruise -onditions, the following score 
should be assigned, based upon flight test results: 

L/D Level Achieved 
HDD 

±   3X ± .002 
±   5X ± .004 
±   7* ± .006 
±1051 ± .010 

Rating 

Amazing 
Very Good 
Average 
Below Averaqe 

This table is strictly the product of the author, and does not represent any 
official position of the Boeing Company ur the industry. While offered seriously, 
it must be taken with considerable reservations and qualifications. One would cer- 
tainly expect a derivative model to produce a rating much higher than a new, novel, 
configuration. Most of the commercial aircraft flying fit within this table, it is 
believed. Military programs 1n general have been far less successful in achieving 
these accuracy levels. One is loath to discuss cases which have rated poorly; an 
example which has been well proven on the good side is the Boeing 727. This airplane 
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demonstrated between 8 to 102 better than the best guess levels of ranne performance 
when first flown, so the airplane earns high marks, but the aerodynamiclst's drag 
prediction rating 1s mediocre.  As a matter of fact, a bias is generally worked into 
the performance quotes such that the negative signs on the error bands are most often 
encountered. 

An observer of these thoughts on drag prediction r1s 
likelihood for success on a new airplane program 1s very 
to the large measure of risk involved, and It 1s true tha 
somewhat poorly when first flown. The track record of th 
however, as described in reviewing the historical trends 
The goals have been high, and achieving these goals requi 
the design which can only be acquired by in-depth analyti 
Continued Improvements in subsonic aerodynamic efficiency 
understanding of the fundamental nature of the fluid dyna 
regime. Concurrently, the task of configuration definiti 
grown more difficult, even though the tools available for 
ity - the computers, better wind tunnels, and advanced th 
there is no substitute for large scale flight data. Any 
tage from novel configuration features without provision 
of components, prototype models, or development time on a 
ing a considerable additional risk. 
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The paper reviews the methods currently available for the prediction of the aerodynamic 
characteristics of supersonic aircraft as they affect performance. 

The particular problems of supersonic aircraft design are illustrated by consideration of 
hypothetical transport and fighter aircraft. 

DURODUCTICK 

The object of this paper is to present a review of methods in current use for the prediction of 
the aerodynamic characteristics of supersonic aircraft. 

"Aerodynamic characteristics" in this context is taken to be that collection of data which is 
necessary to permit the calculation of aircraft performance jthat is, to say the establishment of the 
thrust/arag balance equations. 

Because of the authors' background, the paper is necessarily biased towards those methods which 
have been successfully used to predict tha performance of Concorde. This la deliberate, since the 
production of accurate performance estimates for a long range commercial supersonic aircraft is 
probably the most demanding in terms of precision and technique of prediction.   In addition, the 
methods used are now thoroughly understand by four firms and two NATO governmental agencies - which 
of itself must be something or a record! 

The paper itself is divided Into six parts. Firstly the aerodynamic principles which result in 
the particular characteristics which make supersonic aircraft different from subsonic designs are 
briefly reviewed. 

Next the available design methods are reviewed together with a consideration of theii' accuracy and 
suitability for the various stages of design. 

The third section describes the state of the art in the estimation of parasitic drag and thrust 
loss due to air leakage. 

The fourth section discusses the problems of estimating the installed powerplant performance. 
The fifth section gives a set of consistent definitions of thrust and drag und discusses the techniques. 

The final section deals with the effect of the design mission on the design philosophy. 
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SECTICH 1 

1.1 BMG a süFERsanc Tim 

TUTAl MA«~ 

—T.«t«.'<«>— 

' fniMm DtH — 

In supersonic flow there are three basic mechanisms whereby drag is created, 
are essentially the same as in subsonic flow namely skin friction and vortex drag, 
unique to supersonic flow, is wave drag. 

A convenient breakdown of drag 
froa a fluid aschanies standpoint is set 
out in Figure 1.1.     Skin friction 
drag, trim drag and font -irag which 
are cosaon to jubsonic and supersonic 
flow are nanifested by a reduction of 
streamri.se aoasntun in the wake, 
whereas vortex drag is associated with 
transverse ecapcoents of momentum in 
the wake flow.     On physical grounds 
wave drag is Most satisfactorily 
associated with the entropy rise 
across the shock waves, but this is not 
very useful in practice.   Within the 
linearised theory one can calculate 
wave d'ag by considering the lateral 
convection of streamri.se momentum. 
However neglecting fans drag (i.e. the 
effects of boundary layer displacement 
^okness on the pressure drag) and 
assuming small lift forces ws can 
identify wave drag with pressure drag 
(approximately) - a common assumption 
in the analysis of experiments. 

The first two 
The third. 

-   L.iiciJ —-< 

DRA6    BREAKDOWN 

- raw MAS 

pW«[ MAC 

-VMTU DUC 

«OLUHE Kwatm 
'turn MAC 

ntssuu MAC 
" CUE IS LIFT 

1.2 HAVE DRAG 

The distinction between wave drag and vortex drag becomes clearer when we attempt to calculate 
the drag froa momentum considerations. 

He surround the vehicle by a control surface (as shown in Figure 1.2) consisting of a 
cylindrical surface,   S %, t ot radius B closed by two end planes  t, »  5« >       It should be noted 
that we are using wind axes (as we will do throughout). 

For present purposes we assume that the radius, R  , is very large compared with a typical 
dimension of the aircraft.     He also assists   5, and   Sj, the end surfaces, to be placed well away 
froa the vehicle, which, in tvxn, is assumed to have negligible base area. 

A consideration of the momentum flow 
through -i« surfaces gives, to lowest order, the 
streamwise force component 

Br-2 ((i*4r*k+ffä*£)d*S 

WfceK 

v««r*> $n*o- 

Here ^ is the perturbation velocity 
potential sue!: that   4» ,t) , 4\   and   fr 
are the components of the perturbation 
velocity parallel to the coordinate «cms and in 
the radial direction respectively. 

As indicated the second term gives the 
vortex drag, which is identical to the Induced 
drag for subsonic flow.      Hence 

" veer««   *',        ' 
* i   i 

where  l*(y)     Is the span loading. 

HommuH   COHTHOI su»f»ct rei 

CMC    CUCULATIO« 

~- 
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BM first term is UM wave drag, which in the absence of any trailing vorticity, will he 
sqvel to the pressure drag. 

A« Indicated In Figur« 1.1 the precise breakdown of the pressure drag may be achieved U 
different ways and we shall find breakdown into 

Total Pressure Drag 

the aost convenient In practice. 

Have Drag due to Volume 

Pressure drag doe to lift 

SECT!« 2       METHODS OF DRAG PREDICT!« 

2.1     SBP nqcriop, FORM m SB W? 

Knowledge of skin friction is nvoded for three separate reasons during the cycle of design 
and tea'Jag i- 

(I) Prediction of basic fall scale skin friction during Initial design. 

(II) Correction fro« «dnd tunnel aodel to full scale friction. 

(ill)  Analysis of flight teat results in order to properly define drag aa function of 
Mach nuaber, altitude, ambient temperature, lift coefficient. 

(i) requires accurate full scale friction at the key drslgn points. 

(li) requires the correct variation of friction with Reynolds nuaber over the relatively large 
range froa aodel to full scale conditions. 

(ill) requires the correct variation of friction with Reynolds nuaber over the relatively sa»il 
range of full scale Reynolds nuaber covered at any one Mach nuaber. 

Overall In order to achieve consistency, the theory should be used for all estimates. 

On a supersonic transport the Mach nuaber range la up to 2.2M and the Reynolds nuaber range 
froa leas than 10° on the fli of a 1/30th scale aodel to greater than $ x 10® on the fuselage during 
Initial cruise. 

9 
A method to cover a Maoh range froa 0 to 2.2 and a Reynolds nuaber range up to 10 is 

therefore required. 

Unlike «any other parts of theoretical aerodynamics tuibulant boundary layer theory has no 
sinple linear theory ..■amswork on which to base an approach.  In fact since the subject is a mixture 
of theory and experiment linked through empirical relationships there is freedom in the approach to 
be used and a casual reader of the literature night be forgiven for believing that the number of 
solutions is roughly proportional to the square of the nuaber of workers in the field. 

The method given below is that which was used in the design of Concorde. Subsequent work 
has suggested that a marginally more correct result can be oh*_ined by using the antbods of references 
2, 3 and h rather than ref. 1. 

Turbulent Friction with Zero Heat Transfer 

At the time of the Initial design work (1961) there was no clear 'best method' and for 
convenience we chose the method described by Michel (ref. 1). This had the advantage that besides 
fitting the available data reasonably well it also split conveniently Into two parta the one a function 
of aircraft geometry the other a function of the flight condition. 

assumed. 
Reference 1 covers laminar and mixed flows but in this paper fully turbulent flow will be 

Maan friction Coefficient 

where 

cr* 00441 

5 » / 
Tt 

and It - t.o-3 Ttin% 

r« t 
i+oisn 
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■bare 

rf 

•ablaut temperature 

reference temperature 

skin temperature 

•Hn temperature for aaro baat transfer 

Sutherland Constant 110,lt°E 

Than 

Not« that depends only on aircraft geometry 

and       O'Q^+2.   C(n)   depanda in the case of zero beat transfer only on speed, temperature 

Staat the effects of geometry and flight conditions have bean aeparated and the simplified 
calculation procedure aantioned above is demonstrated. 

The variation of       ^*^/4 , )*   ^"^   "*** altitude and Mach number for en ISA ataoaphere 
and sero baat tranafar ia shown on figure 2.1. 

%* 
%■ 

/  * kA /   \* 
til 

A\A* / * 
•• • 

\ y\   X    x     x\ *' 
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X X*     •"            A..*■**.r FT 

^XvX J\.     x 

4.   X.     X    X*        * N/ x/x ^.   * 
s\. A.  X  x*     * 

e-n 
^$ß$ XNS 

AxyVyy 
X/Xv yx. >C ^rfx/x. \ * it Xf x^/x^^x  yL Xv x^# « v\A XV\ \A        * 

^x jC ^^r^x/x^ ^x   ?C ^X ^v* 

a-ta 
•  04                  N ^£V • MM               1(B)) 

XS 

rit.i-i 

Corrections for the effect of heat tranafar 

For the Mach nuabera under consideration the effect of skin temperature away froa the sero heat 
transfer case can be treated relatively crudely since the total effects of heat transfer era relatively 
low. 

At 2.0M baat tranafar causes an increase of about 1 % in friction drag which is about 0.3% in 
total drag. 

The method used has bean to for«     CF -*>_„,    .   f (H) - fLM .„, aa a function of   It 
and M - fig. 2.i. -     -  111— r*   ' !£! V 

-~ -   •  _.,._.._ .    .-- .,  ._   . 
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the stammtion is carried out over a 
relatively coarse number of elements 

&cc 

and 
Crur 
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out* 

Comparison with ths results of otter methods 

Sine« reference 1 «as published more work, both experimental and theoretical, baa been carried 

In particular Scalding and Chi (reference 2, 196U) reviewed the available experiaental results 
and theories. 

All available acceptable evidence Mas used to compare with twenty available turbulent boundary 
layer akin friction law. 

The R.K.5. error in friction coefficient ranged fron 11.0$ to 32.32.     A new calculation 
procedure was then developed based on the postulate that a unique relation exists between     C^Fc and 

A PS where Cf is the drag coefficient, S is the Reynolds number, and Fc and FR are functions cf Mach 
number and temperature ratio alone. 

This new procedure then gave an B.M.S. error of 9.9t. 

Hinter and Gaudet (reference 3, 1970 ) report a series of skin friction measurements in the 
R.A.S. 8 ft. tunnel.     They concluded from these and other results that for turbulent flow the mean 
friction coefficient on a flat plate with aero beat transfer could be written i- , 

mcompressibl. form c* R^ __ 0.Vn[,. J.,«^* * 24 U(Cf) ] t*" ^ 

CF RIS 077S*[>-*-<3Z(Cff]*efr7(*:y 

With eompressiiility factors f    f   c/    *   tJ , ff * OZI"l%] 

with Fe      s   / * OOS"6 M 

It was shown that the results from this were very similar to those of Sommer and Short (ref. It). 

A useful approximation to the above expression is 

Q-4» / 

/**• i*-] 
I4lf 

- - -   
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The results fro» Michel (itf. 1), Spaltung and Chi (rat. 2), and Hinter and (tautet  (ref. 3) 
are compered on figure 2.3 at both aero and 2.0H. 

»rfllOlOS   »UNK« 

Fl«. 2-3 

Concentrating on 2.0M it is aeen that at Mid cruise eonpared with refepenoe 3 Michel under- 
estimates friction drag by about 2\t Cf (0.6% total drag). 

The aircraft drag prediction i» based mainly on 1/kS scale models tested at N.L.R.     For this 
Reynolds number Michel oner-estimates by about 2i% of full scale drag. 

It aay be concluded that coaparad with reference 3, reference 1 as used for Concorde estimates, 
predicted 1- 

(1)       lowar aircraft drag directly by     2$% Cp (0.6% Total drag) 

(ii)     lower aircraft drag fro» model data by   S< Cp (1.St Total drag) 

Talcing into account the R.M.S   scatter of about 10* CF mentioned above and the availability 
of estimates, computer programmes and Flight Test results, it was never felt Justifiable to change from 
the methods of reference 1. 

Hsat Transfer 

Although a number of methods have beer used the one most soundly baaed and giving best agreement 
with flight test measurements is based on the work of Spalding and Chi (ref. 2). 

The friction coefficients discussed abov» have been related to the heat transfer by means of 
the following relationships  1- . 

Colburn's modified Reynolds analogy ö±   ; -jr C. \jr ) 

where '** 
C,fV 

k 

Stanton Number 

Prandtl Number 

i-*-"~''- 



5-7 

*■/    •       local »kin friction coefficient 

•4L    •      heat transfer coefficient 

h     «      Conductivity of air 

On subsonic aircraft a great deal of useful work is being dona OB tos Interaction between the 
pressure drag and viscous drag tana».   That is to say the effect of the real three-dimensional flow 
on akin friction and the effect of the boundar/ layer displacement thickness on the pressure drag and 
lift ter«* is beginning to be taken into account.   During initial design on Concord» in subsonic flow 
slapl» HaeS data sheet corrections war» made in the traditional Banner and in supersonic flow the 
•lapis addition of wave drag and skin friction drag was used i.e. form drag was not directly estimated. 

One» wind tunnel evidence was available this was the prime source of drag prediction and it was 
assumed that interaction effects ware COB»ion to the models and the aircraft, that is to say anything 
above the summation of wave and friction drag was obtained from tunnel tests. 

Cn a leas slander aircraft than Concorde, say a Supersonic Strike fighter, these effects could 
be wall worth Investigating. 

trim Drag 

Trim drag is of course common to both sub and supersonic aircraft     However on supersonic 
aircraft the aerodynamic centre moves aft as Mach number increases - very crudely this can be 
associated with a transfer of the lift centre from the quarter chord point to the centre of area. 
This seana that unless special measures are taken to reduce the out of balance pitching moment the 
trim drag can be vary significant.     Suitable means of reducing trim drag could be wing camber to 
prodnoa a nose up zero lift pitching moment and/or movement of the centre of gravity by fuel transfer. 

■»ere is no generally valid method of estimating trim drag as it will vary significantly with 
the configuration being studied.   Squally there are no features of supersonic flight which require 
special techniques for the estimation of trim drag. 

2.2      mra DRAG 

Slander Body Theory 

although most practical supersonic aircraft configurations (including Concorde) cannot be 
regarded as slander in the strict mathematical sense, which requires that all surfaces, including 
the wing leading edges make an angle with the freestrsam much less than the Mach angle, slender body 
theory proves tc be a very useful tool in practice. 

Indeed, the design studies that led to the Concorde configuration owe much to this relatively 
simple theory, in the same way that high aspect ratio subsonic aircraft rely on the mathecatically 
similar lifting line theory. 

flow 
If we consider the linearised aquation for the perturbation velocity potential in supersonic 

-fK* - *rr 'tu.'0 

and consider the flow about a body which lies well Inside the Mich cone from its nose, so that near 
its surface 

<L*zv > r1-    *< * ''? 
then, in general, thJ variation of the potential in the   * direction rill be negligible compared to 
those in directions normal to the fraeatream.     The potential equation then reduces to the two- 
dimensional 'cross flow' equation 

ryy      Ta yy H- 
*o 

The solution to this problem will be of the form 

where &  is a solution of the cross flow equation 
term, '^t, has to be found by matching with a sol 

The second 
It turns out 

with *   entering only as a parameter 
»>,, luw KU us luuiiu uf ■«n.w^ie -*.«. » solution of the full potential equation, 

that the JBJO.- effect away from the immediate vicinity of the body is the source like flow induces 
by the rate of change of its cross-sectional area along its length.     At a distance, then, the body 
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look« Ufa a line soon» of Turing strength 

where 5  is the body cross-sectional an; distribution. 

Du velocity potential due to this line •ourcs ia 

In the vicinity of the body we take the Halt of this solution a« T -*> © to obtain 

where 

Note that the first tern corresponds to 9, '(Ji'J *0  f°r * body of revolution, being a two- 
dimensional source flow. Any deviation from a circular cross-section is determined solely in the 
cross flow plane. 

A careful application of this to the calculation of drag leads to the familiar formula for 
bodies 

+ 4= 
e 

1    Ut ** % t*t€ 

«here IV is the normal to body contour at the base, and 5 -M       is the drag due to bass pressure. 

If the body is pointed at its base, or ends in a parallel section auch that    S(i)- 0 
then ve obtain, assuming zero lift and excluding the base drag term 

it 
£ s -j. /Y-M*-*.! s'c*> s"(*,) d* **, 

The similarity of this equation with that for the induced drag of a lifting line me.^ns that. 
Just as we can calculate wing loadings for minimum induced drag, so can we determine supersonic area 
distributions for minimum wave drag. 

A particularly useful one is the Sears-Haaek distribution 

•Will     V- J 
giving minimum wave drag, for a slender body of volume V and length 4.   with  S (i)   zero, equal to 

This is often taken as a standard value for such bodies to which observed values can be 
compared. 

SBrin i  - 
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Us shall be returning to the question of optimum bodies of revolution «hen ue discuss 
numerical- asthods.     Meanwhile, we note Lighthills result (ref. 5) for a body with a wing 
terminating in a trailing edge of finite span, ?*, 

J.i 

e  o 

«here   A:  is a constant dependent on the spanwise distribution of trailing edge angle«   A typical 
value of   k   is 1.5 (uniform distribution). 

The importance of this result is that by terminating the body with a finite span trailing edge 
«e can achieve non-tero values of   SU)   while still maintaining zero base area.    In this «ay «e 
can actually achieve lover drags than that for the Sears-Haack body. 

Figure 2.1i illustrates the gains achieved 
for a delta wing with an area distribution of 
Lord T type.     The abscissa is the 
"Slendernes* parameter",    P£ and the 
ordinäre, *»   , is the ratio of the drag to 
that of the Sears-Haack body of the same volume 
and length. 

The Importance of this result is, of 
course, that wa can achieve a lower drag for a 
given volume by using a wing-body than by using 
a body of revolution - which is rather a nice 
result for the designer! 

When using this result the limitations of 
slender body theory should be borne   in mind. 
Mathematically, this requires 

f*JL «I 
I 

0-4 ■ 

02 

oo  0s 

/ 

0-2        0-4        0«        0-1 1-0 

ß V« 

VOLUME    DEPENDENT    DRA6 

FOR   DELTA   WING 
f IS. IA i.e. that the configuration lies well inside the 

Mach cone from the nose.  In practice, nowever, 
it appears that the method works quite well for 

pi.    " quite close to unity. 

Whereas   slender body theory has pointed the way in the development of Concorde it has been 
necessary to employ the full linear theory to get sensible results; the configuration is not slender 
at cruise Mach numbers. 

Obviously, very few fighter configurations can be regarded as slender in any sense. 

For wave drag due to volume however we can turn io the supersonic area rule which wa discuss 
next. 

Supersonic Area Rule 

Tue results wa have derived for yie wave drag so far have been restricted to slender 
configurations.   We shall now discuss, briefly, the calculation of the wave drag of non-slender 
configurations. 

To do this wa must return to the  'far-field' approach wa used earlier to derire the drag 
components from momentum considerations. 

The wave drag was shown to be given by trr 

-diere Ä is the radius of the cylinder 5 a , taken to be very large. 

mmmmm** I  -    —. 
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The velocity components    <f^ and    ^r   are to be determined for     t  'R* " 
Starting with Tolterra's solution to the llneaxiaed equation for   I 

1 ^-n 

where 

and 

5 is an element of the aircraft surface area 

V  is known as the  •co-normal1 

The co-normal derivative is defined by 

&   - -ftt»i&,+"r&,*'^. 

where ( t»,  , Wfc ,  "j   ) are the components of the unit normal to the surface. 

Lonax has shown (ref. 6) by carefully extracting the limiting values of h  , j     and  f   for 
large radius, that the wave drag for a general configuration is given by f        m. r 

S. - -J^t   f del r^Cx^) A,(*, ;t) ^/X"*,l d*eCx, 

where 

fi"(x;B) -. S*(x;f)- £   l! (X ; *) 

S*(* ; ») : j£    S(x;*) 

2* 
The quantities 5(*;*) and !/*,*■> 

are elemental area and force 
distributions determined by cutting through the 
configuration by a series of parallel 'Mach* planes 
tangent to the set of cones whose semi-included 
angle, Kith respect to the 3* axis, is the Mach 
angle    u. s   $«"' JL (Pig. 2.5). 

The area    S <*, i 9)       is that part of 
the dach plane enclosed by the body projected onto 
a plane normal to the freestream, the plane 
itself cutting the axis at      "X t x , 

The force     L (*-.' *)    is the component 
of the resultant force on the cut (found by inte- 
grating pressures around the cut) which acts in 
the plane     &  • const »nd is normal to the 
freestream. 

This equation gives the wave drag of any 
lifting or non-lifting aircraft in supersonic 
flow the only approximations being those basic to 
linearised theory. 

KXi») 

_MSUIT»«T picssuac 
FOICrO«  HtWlCTCO 
CUT 

Kxn) 
flWECTtO »IE»   OF 
CUT   StCTIO« 

»It»  ALOMt   I-AÜIS 

MACH   PLANES, FORCES AND  AREAS 

USED   IN  SUPERSONIC AREA   RULE 

Fit.2» 

  itlnaWmaii 
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Obviously the application of thir result requires a detailed knowledge of the disturbing 
object and its surface pressure distribution.  If this is known then, rather than calculate 
the wave drag and vortex drag separately, ws would simply integrate the known loading times surface 
slope to obtain the total pressure drag.   However in certain applications we nay be able to 
neglect (say) the fores terns In relation to the area tarns.   For example, if one wishes to find 
the wave drag of a wing body combination which is symmetrical about the horizontal plane (e.g. a 
thin non-lifting wing mounted centrally on a body of revolution), it is not necessary to know the 
pressures on the wing since their contributions to the resultant forces on the cuts are negligible. 
Hence ws would only require the pressures on the body, and In fact only the asymmetry of these 
pressures In the oblique planes.   If the body is slender the latter effect may be assumed 
negligible compared to the cut area gradient and the drag equation is reduced to 

tr 
2.   ,J- ( 2(t>) d» 

the limits of the integration     '• '■ 

defini'jg the extent of the elemental area distribution • 

On comparison with our slender body results wa see that the wave drag may be regarded as the 
average drag of a series of equivalent bodies 0/ revolution defined by the cut area distributions 
S (*;»). 

This technique is known as the supersonic area rule. 

Transferred Area Rule 

He have already indicated that the calculation of the wave drag of a wing-body combination by 
the supersonic area rule requires the body to be slender.    If the body is slender enough for each 
of its cut area distributions to be considered the same as its normal cross-sectiocal area 
distribution then we can make a further simplification by writing the elemental area distribution as 

Placing this in the drag formula there obtains, after some manipulation, the result 

f f f*r**j-fM*fiXI 
where       2. \if **(      is the drag of a body with the area distribution equal to the sun of the 

fuselage plus the  'transferred' wing 

is the drag of the transferred wing 

is the wave drag of tha exposed wing 

and     Atx\m -L- \k   ixlWt      ls **** transferred wing area defined as the average of the cut area 
nK  '   ^!tJ0   ""• ' ; distributions. 
It should be noted that we may replace the supersonic area rule calculation for the exposed 

wing alone (the last term above) by any other suitable method. 

The beauty of the transferred area rule is that the wing-body interference is contained in the 
first term and involves only the drag of a single equivalent body. 

f 
This means that for a given wing wa can determine the optimum body area distribution for a 

minimum drag combination in the same manner as that used for slender bodies, subject, of course, to 
the slanderness restrictions noted above.    The latter will become more important at the higher 
supersonic Mach numbers. 

While wa are discussing the drag of bodies we consider one other development for bodies of 
revolution.     This me'l-ni is capable of dealing with non-slender (i.e. nonsmooth) bodies that have 
discontinuous surfs'« slopes. 

Harren f,ad Traonkel'a Combined Quasi-Cylinder Slender Body Theory 

The quaal-cyllnder theory was devised to doal with bodies whose surface lies close to a 
circular cylinder with its generators parallel-to the freestream.    Specifically it was aimed at the 
problem of calculating the supersonic flow over open nosed bodies sucn as engine nacelles and bodies 
with discontinuities In the surface slope. 

- ■     - 
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The theory (ref, 7) reliss on the development of some special quasi-cylinder function» 
with rather complex definitions. Specifically, the particular function of interest for axt- 
symetric bodies is 

.1 
where  £ denotes the inverse toplace transform and     kj$ ,     */ (*' are aodified 
Bessel functions of the second kind. 

Now, for large     X- 

and by compariscu of the equation for the potential on a quasi-cylinder of mean radius   Ä 

with the slender body result 

in for the poten 

L-rrJ L   ßr       J 

Warren and Fraenkel arrived at the combined result for the perturbation velocity 

ft 

*.(»>     <tbrrfu(!jt)** '(f) 
whertt 

The integrals are expressed in Stieltjes form to allow for discontinuities in     S fr) . 
Tie pressure coefficient is given by the some non-linear formula as that of slender body theory, 
namely, 

and the drag may be obtained by diroct integration, that is    . 

1     r • 
By way of example we show the results for the pressure distribution over an afterbody compared 

with those according to slender body theory and the method of characteristics in Figure 2.6. 

- 10 

2 
fl) METHOD  OF  CHARACTERISTICS 

2)WAHREN   5   FRAENKEL   COMBINED   THEORY 

(J) SLENDER    »ODY     THEORY 

COMPARISON OF   TWO   LINEARISED     THEORIES 

WITH   THE   METHOD   Of   CHARACTERISTICS   FOR 

APARAROLIC       AFTERBODY 

FIC   2 6 

UK  



5-13 

Application of Methods - Accuracy 

Here we are not concerned with the accuracy of numerical techniquea, but of the basic theories 
themselves. In order to investigate this an extensive set of teat cases were set up to which the 
slenair body and supersonic area rule methods were applied (Ref. 8). 

rhe bodies used were all bodies of 
revolution enabling the results to be checked 
against th<i method of characteristics. 

The results are summarised in '^.gures 
2.7» 2.8 for smooth bodies. 

Of these methods slender body theory 
showj no dependence of the drag upon Mach 
number as all the bodies had S (I)  zero. 

Supersonic area rule has Mach number 
dependence as this effects the angle of the 
oblique cutting planes. Warren and 
Fraenkel's method incorporates the Mach 
number effects explicitly.  Of the three 
only the Harren and Fraenkel method is 
expressly designed to cater for open nosed 
bodies and bodies with discontinuous 
surface slope, although the supersonic area 
rule does appear capable of handling these 
with reasonable accuracy (fig. 2.9). 
Slender body theory implies that the bodies 
must be smooth, i.e. y continuous. 

The results of this exercise 
indicate that if slender body theory is to 
be used then the body must indeed be very 
slender for it to be valid. This in turn 
implies that the transfer rule may only be 
used on configurations with very slender 
bo ies.  The improvement in the estimates 
afforded by the supersonic area rule is 
considerable, although the errors might still be regarded as too high when dealing with fighter 
aircraft. 

MCN 

MM Of A BODY   Of REVOLUTION 

IT   VARIOUS   THEORIES 

Si-SLENDER  BODY 
SSAR-SUFERSONIC   AREA   RULE 
W i F- WARREN t   FRAENKELS    COMBINED   THEORY 

CHAR-METHOD OF   CHARACTERISTICS. 

For ,,-eneral bodies of revolution it is the combined theory of Warren and Fraenkel that on the 
whole gives the best results. 

Evaluation of the Double Integral 

So far we have not considered by what process ve shall numerically evaluate the basic double 
integral that pervades our analysis, namely, 

•» -   ,   rlf1.«.. a? :-J- l^i'cf si*,) Al*-*,! ** <£x, 

ACo 
F* 

FINENESS    RATIO    DEFINED  ASH 

f- !"»  /,-i/z (SN+SB\ 

ACo -  CDIIN    -   CoCMM, 

ACCURACY   OF   LINEAR 

THEORIES-SMOOTH     BODIES 
FIG.2.8 

ACo 
LINEAR 
THEORY 

0-1 02 0-3 0*        OS 

ACO  -  CHARACTERISTICS 

ACo-(°/q)   WITH    BULGE      - (D/CL)   WITHOUT 

MAT     X -SECTION  AREA OF  BULGE 

ACCURACY     OF    LINEAR     THEORIES 

FOR    BODIES     WITH     BULGES 

Flt.2.9 

tmmmt — -■■  
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There are two methods comrnoiüy used In the evaluation of this Integral, that due to 
Cahn and CDlstad and that due to Eninton. 

Before examining the results obtained by these two methods, we will outline briefly the basic 
formulae involved. 

Cahn and Olstad 

The first stap is to re-write the double integral in the alternative font 

I e • 
which, on changing the order of integration, becomes 

I t 

f"±ft+)fslK)frr***,** 
This integral is then approximated by the summation 

i*»-' 

where 

and 

s;. s'[ia+i>i 

They also suggest that S be calculated using the finite difference formula 

Si *    &i+i  "2. Si * 5«-i ~wv— 
Minimal Drag Bodies and Emintona Method 

Noting the similarity between the wave drag integral and the vortex drag integral suggests 
that we use a 'classical' Fourier series approach. 

Introducing the variable 8   (Mt to be confused with earlier usage) defined by 

X'. ilO-em») 
the nose is «presented by     9-0 and the base by    0 - TT,    Assuming that      Sw) -    S if)  » 0, w 
express   jjtfby the Fourier sine series 

aej 

where 

the drag integral reduces to 

2 = £/vf: n** 
%      4-   w< 

The corresponding area distribution Is found by Integrating the Fourier aeries over X • 

t> •25' 
5«-. t \o-Aa -+&10) »A&./fejfcg* - gihigU 

where   A   is defined to be zero in the last expression. 

UM. I 
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A further integration gives the total volume 

and from the expression for Sfi) with & a V   we have the base area 

Consider the problem of finding the area distribution with minimum drag and given base area. 
Since all the Fourier components contribute to the drag the solution is given by setting A,» C , 
rt $ 1, and the drag is 

The area distribution is 

f     Hi*     » 

) 

which is the von Karman ogive 

For a body which is pointed at both ends (  SB* 0) and has a given volume we obtain the 
Sears-Haack distribution 

ftO .- £* ^ .f *,„ s  g J (f - ft)** 
irt 

with the drag 
5 r   /*tV* 
f     ~7T* 

By considering more general minima, constrained to have given areas     f^   at N points   5  *f. 
Eminton has derived the formula 

4 n± s: +w*%Z.Z.\iitCTi.fi) %        Ti1    ° itl   j«' ' 
ri 

where the equations 5 ^itifcf/) s     — ' £*   U^Ti)    J    { s I, t  • • ■ H 
fr, '      r   Ti 

give the X. . The functions    üfft)   and   p(fitf}) 
ar» defined by 

Ufa) -. ±[c*r' (,-ZK) ~i("LT*)JK0-r<) I 

1 r-' * Tf-Zii+WjO-va-fi) 
The area distribution is then 

this approach is useful in that minimum drag bodies may be designed to satisfy certain area 
constraints (and with a slight modification a volume constraint) as required. Alternatively, by 
specifying the area distribution of a given body at a suitably large number of points the above 
formulae givea a technique for the numerical evaluation of the integral. Since the method is based 
on a minimisation process the drag values obtained for increasing numbers of points will approach 
the true value from below. 
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Comparison of the 1 g Methods 

Both of the above methods iiave been ustsd to estinate the value of the wave drag Integral for 
both smooth and bumpy bodies.    The bodies were defined analytically and the numerical result? have 
been compared with the exact analytic result in figure 2.10. 

■Clintons method stands out as being the 
more reliable of the two metnods converging more 
rapidly and consistently with increasing number 
of points used.      However, it should be said that 
much depends on the positioning of the points 
especially with regard to the rounded noses of 
wing-like surfaces. 

When computing the drag of a general 
configuration using the supersonic area rule 
there is the additional problem of what 
interval &fi one should use to determine the 
elemental drags.    Figure 2.11  shows a plot 
of      ^,      versus  0 for a wing body combination 
at M * 1 .li.    The value of  9 at which the Mach 
plane lies along the wing leading edge is 
marked;    linear theory would suggest an infinite 
value and the calculation results in a peak 
value.      When the Mach plane cuts through the 
wing so that the wing cross sectional^area is 
found there is another peak  ( 6   - 90 ). 

Th« socond plot in figure 2.11  shows how 
the drag value varies with the choice of AS . 
The percentage error bears little relation to 
A5   (these results were obtained by simp?y 

averaging the drags of the equivalent bodies). 
In this particular example   &9   must be less 
than 5° to achieve less than 1 % error. 

Geometric Considerations 

r 
SMOOTH 
lOD'ES 

COMPARISON 0r TWO METHODS TO 

COMPUU THE DRAG INTEGRAL NUMERICALLY 
The practical application of the fore- 

going methods to general aircraft configurations 
presents us with the formidable task of 
determining the area distributions.  While the 
numerical determination of the drag of a given 
area distribution is readily programmed for the 
computer, the development of numerical 
techniques to evaluate the cut areas is not so   ■*  
obvious. Draughting techniques whereby plane 
sections of a general body may be produced are 
well known. However, attempts to reproduce these methods in a digital computer program rapidly lead 
to difficulties which may be attributed to the use of the cartesian coordinate system as a basis. 
It is necessary therefore to find a system which is both simple and yet flexible and which is 
amenable to digital computation. 

0     10  20 30 40   SO 60 70  M K 

40 K 
A« DECREES 

SENSITIVITY     Of   NUMERICAL   INTEGRATION   PROCESS 

TO  ANGULAR    INTERVAL 

Fit 2.11 
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The representation chosen is completely compatible with the Numerical (taster Geometry 
systems used in our organisation.     This means that surfaces designed using tfcis representation 
»111 remain unchanged through to model or even full si.» aircraft manufacture. 

The method is bi-parametricj    that j.s the surface is described in the surface coordinates 
(parameter .',   it, and V i 

2.12. 

<j - * (1-.*) 

2.2 (u,r) 

Such a surface is illustrated in fig. 

Just as a point on the earths surface is 
uniquely defined by the two quantities 
latitude and longitude, so the position of a 
point on a general surfaoe mar be defined through 
the values CC end V .  The use of a parametric 
representation also enables us to deal easily with 
regions of steep slope. For example consider 
a case where y is independent of U. 

i.e.   y *<f <vj 

If the surface is th*t of a wing then the 
curves V • constant represent chordwise sections. 
Be then have the streamri.se slope 

*   PARAMETRIC   SURFACE 

FIC. 2.12 

and rf*  • oo corresponds to dx    finite 

with ^ku, "  °«  We caa therefore handle rounded leading edges (for example) without special 
consideration. 

The fitting process assumes that the input control points, at which values of »-, <j, X &re 
supplied, correspond to integer values of U. and V (see fig. 2.12).  Fitting is performed first 
in the U direction, then in the \T direction. For example take V -j  .  Theu the curve V • / 
is specified by the points 

' '  1,1,3 Yft 

Each of these sets of points is used to define a mathematical spline. That is each arc 
from x-lij) to * C**'. J) is represented by a cubic polynomial in U. ,  matching its neighbours 
in ordinate and first and second derivatives. 

Since the cubic is completely determined by its end point orclinates and slopss the fitting 
process is used to deduce these slopes rather than the coefficients of the polynomial. 

By repeating the process in the V direction ue now have a scheme whereby set of input points 

l*H*iH Mi •   4 »'.*,».•••■»,/« '.*,». '••*) 
is used to define a complete surface.  It should be mentioned at this point that some care is 
necessary in the choice of distribution of the input control points. 

The advantages of the system nay be summarised t 

(i)   The coefficients of the surface fit are physically meaningful as they are the 
surface ordlnates and slopes at the control points. 

(ii)  The surfaces are invariant under all linear transformations of the coordinate 
system.  These transformations are applied directly to the coefficients and 
are easily executed using matrix operations. 

The resulting geometry syste>      irkably simple involving, as it does, only one type of 
surfaoe representation, and yet capable w representing very general surface geometries accurately. 

Add to this a routine capable of tracing a plane section 

3l£tt,v-)- constant, say 
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than ue can determine any pl/ne section 

by first applying the transformation 

a, *■ (u-, v)*Al<iCu.v)* «,* (u.,\r) -. e^sm^r 

:* s a, x * at lj - Aj 2. 

and determining the points («i, V ) such that 

ZK-'b*,*)'  constant 

Chce the section has been traced in terns of (n, v )  then it is a simple matter to determine 
the coordinates >->•)> 3 and the area, centroid etc. 

As an example of the application of the 
method figure 2.13   illustrates a parabolic 
body of revolution together with the numerical 
results for the area distributions at K » 1 and 
M - 1.lj1U. 

Obviously such a system is of more 
general use than that of determining the cut 
area distributions for supersonic area rule 
calculations. For example the ability to 
produce oblique plane sections will help in 
wind tunnel model manufacture as well as 
providing surface slopes for use in wing 
theories etc. 

(.)     VISW   OF   THE    »CDr 

~Wt To x/{ 

(k)    «»[«    DISTRIBUTIONS    IT   H- I, H.I 41« 

»AMBOUC    BODY   Of   REVOLUTION -GEOMETRY 

/     fic.2 13 

2.3        PRESSURE DRAG DOE TO LTJT-WTJIGS 

Although simplified theories exist for slender and not-so-slender wings (ref. 9) and have 
supplied general results of use in configuration selection studies, practical wings cannot be 
regarded as slender in general.    He therefore consider the full linearised equation for potential 

no- _a*i    +d    +i     :0 
r >x* ~yy   'ft 

where   P*Jn%-l    .      The associated boundary condition for tangential flow at the wing surface is, 
within the linearised theory 

>V   -**o4 
-Ar t*X, 3)0« S 

-»* 
where S i» T-he wing surface.    In addition the 
flow perturbations must vanish forward of the 
most upstream point of the wing.    The Kutta 
condition need not be specified in supersonic 
flow unless the trailing edge has a sweep 
greater than that of the Mach 1J" «.      In this 
case the flow velocity component normal to the 
edge is subsonic.    Such an edge is termed 
subsonic.    A wing with all edges supersonic 
(i.e. with sweep less than the Mach lines) is 
said to have a  'simple' planfom.    An example 
is shown in figure 2.1k. 

\     MACH irnti 

A   SIMPLE    HANFOftH 
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A solution of tha potential aquation suitable for use In thin wing problems is the source 
superposition Integral 

iwiflSfflJh. 
where »(U) -1|» ZsO 

and the pressure coefficient is given by   Cp
:~2£. 

The region of integration,  2T   , is that 
portion of the    X • 0 plane intercepted by the 
upstream Mach cone fron the point (at , u   , 2)  '• 
see figure 2.15. 3 

While the source superposition integral 
is strictly only to be applied to the symmetric 
flows due to thickness, we shall see that In 
supersonic flow how this simple formula may be 
used to calculate lifting flows. 

Simple Flanfor— 

For wings with only supersonic edges 
there is no interaction between the flows over 
the upper and lower surfaces of the wing. 
Hence the flow above the wing, will be the 
same as that for a symmetric wing with the 
same upper surface shape.      In this case the 
source superposition integral may be applied 
directly to obtain the flow for x> 0.   The 
flow for   Z.< Q is obtained from the basic 
antisymmetry of the lifting flow with respect 
to      Z. - 0. 

MtlON    OF   SOUUCE   QISTWBuTION 

jHFLUCjjCWt    THE  POWT jx.%i) 

ri«. us 

General Planforms 

Whenever thn wing has an edge, or a part 
of one, that is subsonic, the problem becomes 
more complicated.   This is because the source 
integral requires that   «•/  be known throughout 
the whole upstream region of influence from 
the field point.     & the non-lifting case the s^metry of the flow about    X > 0 leads to   US - 0 
outside the wing planform.      In the case of a simple planform no disturbance can propagate ahead of 
the wing leading edge and thus    U   is zero ahead of the leading edge;    that is   vl   is known within 
the region of Influence regardless of Aether the wing is lifting or not.     In the case of a wing with 
a subsonic leading edge however or"is not zero ahead of the edge;       on the contrary it is, In general, 
singular Just ahead of the edge. 

Fortunately, In supersonic flow, the region of the  Z • 0 plane that may be influenced by or 
that may influence the wing is finite in extent.   We may utilise this fact by extending the wing 
forward from its leading edge into the undisturbed flow by a flexible diaphragm that is to carry zero 
load (see figure 2.16). 

Due to antisymmetry the load acting on 
the plane Z    - 0 is 

thus the zero load condition becomes 

which may be integrated to give 

(^  - 0        (*,^) forward of the leading edge 

The problem is now 

where   u)   is fcuown on the wing but hac to be 
determined from the conditions 

* 
* 

O on the diaphragm 
on the wake PLAHAR    WINt    IN    SUPERSONIC    FLOW 

IIIUSTMTIN6   THE    DIAPHRAGM   CONCEPT 
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Numerical Procedures 

i.iile analytic results exist Tor a restricted class of planforms and upwash distributions 
practical wings haw to be treated by a suitable numerical method. On usual procedure is to 
subdivide the area of Integration Into suitable elements assuming vf to be constant Mitbin each 
elementary area.   Two sain types of eleaent have been used extensively (fig. 2.17). 

(a)   the "Nach box" where the elements 
are rectangles having their 
diagonals parallel to the Mach 
lines 

and (b)   the "Mach diamond" or "Character- 
istic box" where the element is a 
rhombus with «ides parallel tc the 
Mach lines. 

Since the elesaots are of constant sise 
the Integration can be carried out In advance 
for unit w and tabulated as a function of the 
position of the box relative to the pivotal 
point (x, w ) on the wing or diaphragm. 

Assume that tS is known or has been 
calculated for all the boxes influencing the 
pivotal point, P  .  Then if P   is on the wing 
uT la known and f) can be calculated from 

the double summation aouoje summation 

where £ 
Z. .1 . .1 
•-*, Sri 

is the influence of the 
element { i', i'   ) on 
the pivot point In the 
element ( I , J    ) for 
unit W. 

- ~J 
I \ \ / 

\ 1 
1 

\ \ 1 
1 

V 

(a)   HACK   I0X <•> MACK   »UtMM 

SUBDIVISION    OF     IMTK«ATI0M  AHEA 

IN    NUMERICAL     SCHEMES 

Fit 2.17 

If, however, P ia off the wing then ^ 
is known from the diaphragm or wake condition. 
The summation is now written 

"iff1 

r * *   z   (O   if i'ti   svwi/V 

le aum now exclud 

nxt* 
The double aum now excludes the effect of the element on itself and we have the solution for 

By starting at the foremost element it ia always possible to perform the calculations in auch 
an order as to ensure that the Uf<j are known for every element influencing the pivot excepting, 
possibly, the pivot element itself.   The solution is therefore easily obtained using the simple 
formulae above. 

The above procedure is crude as the decision as to whether an element lies on the wing or not 
is determined by whether the pivot point itself lies on the wing or not.  Boxes lying partially 
on the wing »ay therefore be treated as being wholly on or wholly off the wing. 

A simple refinement is firstly to treat the box as wholly off the wing thus giving a value 
for the upwaah,U' , aay.  The upwash on that part of the element covered by the wing is known, 
however, so we combine this with u'according to 

Ü5..J ; aUij- *C/-<t)u>' 

where UJij is a ■mean value' for the upwash acting on the element and O.  is the ratio of the area 
of element covered by the wing to the area of the element. 

Finally s>. is recomputed using W,'j In place of iS^- . 

This procedure, known as 'area weighting', results in a significant improvement, in the 
computed load distribution and overall forces, although it still leaves much to be desired near the 
wing leading edges. 
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lliare has bean auch argument about the relative merits of the two jrid systems defined by the 
Hach-box and Characteristic-box methods described above.     Briefly, we Bay say that the Mach box 
is better for treating supersonic edges while the Characteristic box gives better results for wings 
with subsonic edges. 

However, as wa shall now explain, there are considerable reductions in computing time to be 
had if we re-examine the problem In terms of characteristic coordinates. 

A Fast Method 

He cannot hope to explain the details of this technique, due to Roberts (ref. 10), in full. 
However we shall endeavour to Indicate the more Important features.    The method is based on the 
transformation of the coordinates 

so that fand   S   are parallel to the fre-istream Mach lines.    The source superposition Integral now 
becomes 

UU-r-fXs-r) 

where the wing is assumed to be wholly contained In the positive quadrant of the T-S    plane. The 
relationship between the coordinates and the wing is Illustrated In figure 2.18.  The Integral can 
now be factored into two line Integrals 

where 

Herein lies the 'secret* of the method, 
for by retaining the Intermediate function, > , 
and the line integral format in our numerical 
technique we can orgaai.se the calculation so that 
the conventional double summation required for 
each pivotal point is replaced by two line sums. 

Before describing the method consider the 
line Integral 

■f 

f<*u±f£> Mt) 
eh is known as Abel's intef 
ficult to show that the im 

which is known as Abel's integral.    It is not 
difficult to show that the inverse is given by 

f 

This means that the condition 
the diaphragm implies 

C on 

1<**> 

«-J 

THIS   KECIOH   DOES 
«or «rrccr THE 

}ST»M'0. WIHS   rtNEL 

THE   WINS "(r'0 CO-ORDINATES 

providing that the characteristic line S" const 
does not cross the planform for ©<*"< "•"ic"' 
providing the leading edge is not swept forward, figure 2.16 Indicates that this holds on the 
starboard diaphragm.      (From this we can determine Ewards well known reflection principle since 
4(t*,j)     - 0 on the diaphragm leads to 

Xjs) "" 
AL 
JrT? 

with • defined as before). 

He can also determine the behaviour of the *• function along lines 5 " const.as we cross the 
leading edge. For a subsonic edge } la a step function with a jump from zerc to some finite value 
at the edge. For a supersonic edge *  behaves locally like </T--r,. 

Now assume that ws have a discrete form for the integral with f - •*" n. 

fm ,/(*» ./iV] *&fAL  Mr) 

where   -^fW - ■** «A ***J/       and   £   is a constant between 0 and 1. 
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Ha au re-write this as 

whenoe 

font i 
By applying this last relation recursively form- 1, 2, «a arrive at a discrete inverse 

where 

Iu Roberts' method the A and B coefficients take the particularly simple forms 

«here &m      is the binomial coefficient.  In this case the constant £ • i is used. However our 
argument still holds whatever form the discretisation takes providing it is based on equally spaced 
samples as Indicated above. 

He are now in a position to describe the 
basic computing sequence. Assume that the flow 
is symmetric about the vertical plane <f • >;. 
Only that portion of the port wing that 
influences the starboard wing panel need then be 
considered (fig. 2.18). 

Deferring to figure 2.19 we assume that 
a is known for r<a. and that f    is known 
within the Mach forecone from f • S     -n-t . 
The calculation for fin,  is then 

(1) Calculate j, from •, along S - <n. 
using 

f Cm,*]z ^fi^tfl.m*'*>»'< 

(i.e. up to but not including the 
point on the wing centre line) 

Copy fi from the starboard to the 
port side 

and calculate   *   using 

(2) 

0 known 

o, known i 

BASIC     COMPUTING    SEQUENCE   FOB 

FAST     SUPERSONIC    WINC      METHOD 

(3) 

(k) 

for ft) • 1 to ft, -1. 

Calculate *   from U using 
*~i 

for WWTl to l\t 

Calculate   If   on the centre line 

This process is used for *. -1 to nmax such that the whole grid is covered.    Some variations 
of the above sequence are necessary to cater for trailing edge and wike effects and oertain types of 
leading edge. 

It should be noted that the order of calculation can be arranged such that O , / and f  may be 
stored in the same array in computer core, the values of   «    overwriting those of u>     and being 
overwritten in turn by thoseof ^. 
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Given a knowledge of the type of singularity to be found near the leading edge together 
with the line integral format it is not difficult to devise suitable t-chniques to refine the 
calculation in this region.       However as the for» of this reflnonent will depend on the nature of 
the discretisation used we do not discuss it in detail.     Suffice it to stats that Roberts has 
achieved a very high degree of accuracy by fitting a function exhibiting the correct singularity 
to the    7 values close to the leading edge.   The values of   ^  in this region are then obtained 
analytically.     For calculations away from the edge the fitted   o   values are modified by a smoothing 
process before applying his discrete formula. * 

Figure 2.20 presents a comparison 
of a numerical calculation using a 
slightly less refined method than that of 
Roberts with exact linear theory for a 
cropped delta wing at Incidence.    Had the 
full leading edge refinement been 
employed the load distribution near the 
leading edgo would have been even closer 
to the exact linear theory. 

In order to indicate the time 
savings made we note that in the 
conventional method the double summation 
at the ( «H , n) th   grid point (box) 
involves   jnn terms, the calculation of 
each term involving one multiplication 
with one addition to add the term into 
the sum.     Taking our unit as the time 
to complete one addition and one 
multiplication, the total time for the 
conventional method applied to an K »«I 
grid is JM   ,i 

1 M*(M*i)(tt«)   onto. 

For the fast method however each 
grid point involves only the calculation 
of two line integrals. The time is then 
given approximately by 

*•<  »»/ 

The ratio of the two tinea is then 

icr 

  euer unit« 
THEORY 

o      KUMCmCil   MSUITS 

»-9 

IOA0    DISTRIBUTION   ON  A    CHOPPED   DELTA 

For a typical grid size of, say,  M • V • 80 

then 7«   i £g 
r, ' 

That is computing times of the order of 1 minute using the conventional method are reduced to 
a few seconds using the fast methca. 

This reduction in computing time - and hence cost - means that wing calculations of this type 
can be performed at an early stage in the project design cycle. 

Overall force» and Optimum Camber Design 

The lift, pitching moment and pressure drag due to lift acting on the wing are given by 

^»A j([*Cf(..,>(x,.x)<l*Jr 

where    >Hff  ,   ^ntß     and  %m are the wing reference area,  reference chord and pitching 
moment reference point respectively. 

 i  
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Mote that the definition given for ?»  does not include the leading edge suction 
force« that arise from the theoretical infinities in AC?  along subsonic leading edges. The reason 
is that they are not often rsaliaed in practise. It is further found that cambers designed without. 
these suction tens are «ore likely to Maintain attached flow near the design incidence than those 
designed by including the full theoretical suction. 

In order to derire a suitable camber surface giving low drag due to lift at a design lift 
and, possibly, pitching monent we assume that the camber slope,<* , may be expressed as a linear 
combination of a set of Al camber modes 

W 

where  **)*(*, *J is the ith camber mode shape and   \,   is the ith generalised coordinate or 'weighting 
coefficient». v 

7ba load distribution nay then be written as 

where     /J faf)     is the load distribution due to the ith camber mode. 

The overall forces are then given by 

In matrix form we have 
%Tl 

Uh« 
We write 

and 

We wish to minimise ^»with respect to/*/;] subject to the conditions on £*. and C„ .     This 
is achieved through an application of Lagranges method of undetermined multipliers giving the system 
of linear simultaneous equations 

I>% - MX    :0 

*\    =£ 
where A is the vector containing the Lagrange multipliers. 

A* 

The solution of this system may be written as 

t * J>"/IS 

where X s A* c 

and A s MT :>'' n 

Fron this solution we obtain a result for the drag in terms of the design C  and   £ 
I* M 

K»SBi 
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• J. 
Z 

This result constitutes a 
the design ooint for a given set 

'design carpet' in that it relates the change in drag to changes in 
of camber modes»   Combined with speed of the numerical method 

outlined previously for the calculation of the load distributions we have a useful tool for project 
work. 

To demonstrate the application of the method we give an example of some early designs for the 
Concorde pre-prcauction aircraft tip. 

Y-FIET 

30- 

20- 

*2 PRE-PRODUCTION 

PROTOTYPE 
AREA TO BE 

'RECAMBERED 

I PRODUCTION JOINT 
y. 23 5« 

FUSELASE   SIDE 

I«       <0       100       110       120 

X    FK0M   Vl>! AFEX - FEET 

WING    PLANFORM   SHOWING   TIP  PtANFOftM   MODIFICATION 

In order to imrrov» the aircraft's low speed lifting capability the pre-production aircraft 
incorporated an increase in the area of the outboard wing panels (fig. 2.21) relative to the prototype. 
The design requirement was then to define a camber surface for this region with a minimum drag 
penalty in cruise.     To provide a basis for the work a 'first attempt' was made by stretching the 
prototype camber to match the new planform. 

To design for a low drag this camber 
surface was treated as a  'fixed' node 
(i.e. its coefficient was held constant at 
1).   Eight additional free modes were 
defined to have zero slope over the inboard 
section.     Optimisation was then carried out 
at the design cruise C«. and Hach number 
using combinations of U. 6 and 8 free modes. 
Figure 2.22 shows the resulting drag values 
relative to prototype corrected for sfcüi 
friction and volume effects at the cruise 
altitude.      The curves shown give the drags 
obtained by designing for different centre 
of pressure positions.    An interesting 
point is that the drag is a mlniJiram for the 
e.p. it of the reference chord forward of 
the prototype position for all combinations 
of modes. 

Also shown in the figure are the 
theoretical and experimental results obtained 
for the  'first attempt' indicating the 
accuracy of the basic wing method.     (The 
height of the symbol for the experimental 
point indicates the accuracy of the 
tunnel result.) 

(Co-Ca, •oro) |   Ct -  115  N-2-0  | 

•001 \ \ «.. OF NODES 
USED 

\ \ \ 
\                             FOKW.HO 

V      « 
o    • 
o   « 

V                          C.F. SHIFT 

-000! 
\     \     FIRST ATTEMPT 
\      »     (EIFEMNENTK 

FIRST »TTEMM 
(THE0KT) 

Si 
0 

^■^ •             L*r                                  VOLUME 

-< -J          "2           -1             0          fl          +2   | 

XCP -XCF.SOTO   "/ 
 7=     i° Co 

DRAG OF  CAMBERS   OPTIMISED   AT  CRUISE   CL 

lit iU 

»»»■ 
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NOTE   EXAGGERATED   VERTICAL 
SCALE. 

TIP   CAMBER   SURFACES        -M 

DESIGNED   FOB   LOW  DBAS 
PORT   SIOI   »MOWN -#■« 

OPTIMISED   CAMflg 
USIN6   *    MODES 

Fit. 2.21 

Figure 2.23 gives two envies of the camber surfaces obtained.   Both were designed for the 
prototype centre of pressure position.     The slightly distorted shepe obtained by using 6 mod.s 
indicates that soae care is seeded, not only in the choice of camber shapes used but also to avoid 
specifying too large a number of degrees of freedom. 

However, restricting ourselves to 6 modes we obtain a quite reasonable camber surface with 
very little theoretical increase in drag. 

It should be mentioned t at these results 
were obtained using a conventional Character- 
istic box method rather than the fast method we 
have outlined here, and that neither of the 
designs shown have actually been tested. 

As a final example, therefore, figure 
2.2ii shows a comparison of results using the fast 
method for the lift, drag and pitching moment of 
the Concorde pre-production wing with experiment. 
Here we have employed a crude but apparently 
effective method to deal with the wing-fuselage 
interference.   Slender body theory is used to 
calculate the upwash field due to the fuselage 
at incidence and this in turn is cancelled by 
applying a suitable twist distribution to the 
wing (for the calculation of the load 
distribution only). 

The region of the wing covered by the 
fuselage is set to zero incidence. 

As the fuselage is assumed to be pointed 
at each end the only direct contribution it 
makes to the overall forces is the pitching 
moment increment due to volume shown in the 
figure.    It is obviously a very important term. 

The lift and pitching moment curves are 
shown in direct comparison with the experiment 
whereas the drag polar has been shifted 
vertically to coincide with the experiment at 
Ct- 0.     This then demonstrates the accuracy 
achieved In estimating CL for minimum drag 
and the induced drag factor, but not of C*     . 
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sBCTiar 3      BSTjgnar er HUULSHTC DRAG 

General Remarks 

Obviously thai« are many ways of estimating the parasitic drag of aircraft, and each Company 
has its own preferred method. 

The aethods described below are those used by BJl.C. (C.A.D) and are based both on theory and 
on empirical data.     Because the parasitic drag is perhaps of the order of 2% of total aircraft 
drag it ic not necessary that all of the fomulae and working aethods should be rigorously Justified 
although care is taten to use best available data. 

The supersonic cruise case being dominant for transport aircraft, the data sheets and most of 
the calculations have been nade for this case.       However, based upon an assessment of the proportions 
of surface imperfections such as steps, gaps, bumps, fairings holes and the typical sizes of each, 
factors to give the overall parasitic drag at other altitudes and speeds may be derived.    The work of 
Hinter and Gaudet for gaps, steps, holes etc. covers the full Mach numb&r range but for fairings 
shapes etc. the data of fiefs. 12 and 13 can be used. 

3.1       Basic Calculation Method» 

Skin Friction Drag 

The skin friction drag in compressible turbulent flow can be estimated using Michel's method 
(see Section 2.1). For parasitic drag accounting the method is excellent and is easy to estimate 
and apply. 

The method of Michel Is strictly applicable to two-dimensional flow and in applications to the 
fuselage a false leading edge point should be taken some 3 ft. behind the true leading tip. 

Wave Draft 

Two-Dlmansional surface deformations 

Where the wave length of a surface distortion is long comparad wf.th tha boundary layer 
thickness (and this is usual for many types of distortion);   in particular if the surface slope 
deviation doos not exceed about 1-2 degrees;   then theory and experiment agree quite wall (see 
fief. 1li). 

For such surface distortions linear theory predicts Cf • 
certain distortion profiles may be estimated.     For example C*< 

2 6/0    and hence drag values for 
9.85" (fcfcr/p     for sinusoidal 

distortions, to which a factor may be applied (typically x 1.5) to account for the departure of an 
actual profile from sinusoidal. 

The exact two-dimensional flow characterisitics may be derived from flow tables such as those 
In fief. 15. which are based upon Prandtt-Meyer lnviscid flows. 

Three-dimensional aurfaca deformations 

As for two-dimensional distortions, slender shapes of srall surface slope can be assumed 
(typically those associated with wing panels deforming due to fuel tank prassurisation.).    The method 
used for such a distortion is that given iii Ref. Th by K.G. Smith, which is In turn based on the 
linearised theory elaborated by J.W. Nielsen In fief. 16" for a particular type of three-dimensional 
bump and for a finite number of bumps on a cylinder. 

For axially symmetric fairing shapes having profile discontinuities (actually discontinuous 
variation of cross-sectional area with distance) the quasi-cylinder theory of Lighthill as developed 
by L. Ohmen In Ref. 17 can be used.   Simpler shapes (e.g. rones) can be handled using the method 
given by L.E. Fraentel In Ref. 13. 

Although In practice half-bodies on plane surfaces are encountered, the calculations can be 
made using actual areas assuming complete bodic.     It can also be assumed further, that reflection 
effects double the drag so derived. 

Where the evolution of the cross-sectional area of a body meets the criterion of Lord and 
Eminton (see Journal of RUa.Soc. Jan. 1956) the wave drag of slender bodies (or half-body fairings) 
can be calculated.       In actual design the profile of such a fairing can b- optimised using their 
method.     However, taking account of skin-friction and fairing weight usually gives best fairing 
lengths scuewhet shorter than the "optimum''. 

When a fairing such as that over t.ie AUF and radio compass aerials is considered one has a 
thin fairing of relatively large span.     For such a fairing the linear theory method due to Eward 
has been used to derive the wave drag (see "Aerodynamic components of aircraft at high speeds" by 
A. Donovan and H. Lawrence, Princeton Press). 

This method or the method described In section 2.3 may be used to derive the forces on quite 
complex shapes.     These tools also give an alternative method for deriving the parasitic drag due to 
panel deformations on the wing arising from tank pressures. 
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Interference accounting 

When long fairings are considered, or fairings near leading cr trailing edges of fuselage, 
Ming, or fin,   the buoyancy effects due to the basic pressure gradient are included.   For fairings 
with pointed ends (actually sero cross-sectional areas at front and back) immersed in a constant 
pressure gradient the drag due to buoyancy is   »  -   - 4&f       * Voluse of fairing. 

t      z« 
The interference of the fairing or the parent surface should also be accounted where it is 

appreciable.     Usually an approximation to the fairing pressure distribution is good enough to 
estimate this effect. 

3.2       Calculation of Parasitic Brae for Individual Items 

Forward and Aft Facing Steps 

Such steps aay be formed by machining tolerances on rebated lap points or due to the nal-fit 
or doors, hatches, etc. 

One useful method of estimation is based on an an>.,. *.s of the work of Gaudet and Winter 
reported in Ref. 11.   Figure 3*1 gives a data sheet prepared for forward racing steps at a datum 
flight condition;     that for aft facing steps is similar. 

i is. 

001   002       005     01 

MESSUHi   W   F0«W«»0   FACIMt    ST£? 
Ml    56.000 FT. 

o» 

• 001   -002       005    01      02 OS     -10      20       -SO     10 
STEP   HCICHT- IKCNES Fit. S. I 

Chamfered Steps 

It is a desirable design requirement that all skin-Joint steps be chamfered as much as 
possible.    Fig. 3.2 gives an estimate of the effect as a factor on the drag of steps as derived 
above. 

Streaawise and Swept Steps 

The drag of a streanwise step can be taken as being due to the extra wetted area at the 
local skin friction coefficient. 

Swept step values are derived by resolution into spanwise and streanwise components. 

A data sheet, Fig. 3.3, for the special cases of steps with elliptical and parabolic 
planforms has been pre, ired on the sane basis. 

Optimum sweep angles for steps can be evaluated taking account the weight penalty of 
additional surface material required to produce the configuration. 

Spanwise Grooves 

The data produced by Gaudet and Winter has been analysed and the data sheet shown as 
Fig. 3.1i prepared for a standard flight case.    It should be noted that the two cases of relatively 
deep, narrow grooves and relatively shallow wide grooves are covered on the same data sheet by 
using either the width or the depth in the effective area on which C  is based. 
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Flush holes, such as are used for 
ventilating unpressurlsed compartments and 
for drainage, have drag contents which are 
not well correlated with hole geometry, 
boundary layer depth and etc.    Source data 
are contained in Refs. 12, 19, 20 and 21 . 

These suggest that the drag coeff- 
icients are a minimum for ducted exits 
inclined at about 30 degrees and take 
values of .OOOlij   .012 and . 025 based 
upon exit area for circular, square and 
high aspect ratio  (above it) exit shapes. 

The available information for 
inlets is inadequate but suggests tliat 
drag coefficients are around 0.2 - 0.7 
for NACA inlets at subsonic speeds and 0.1  - 
0,li for aspect ratio * h rectangular 
inlets at up to 1 .3M. 

Ventilating Airflows 

In general small ventilating air 
flows do not have special inlets or 
outlets, the flow being induced by 
siting   in suitable pressure areas, 
larger flows such as the cabin discharge 
have carefully designed variable geometry 
exits. 

The drag due to the airflow is 
taken to be r^ual to the freestreaa momentum 
of the mass flow.    No exit momentum is 
credited for small flows but the larger 
discharge nozzles have calibrated thrusts 
which are credited. 

CHAMFERED    STEPS 

FORWARD     FACING   STEPS 

10 20 30 40 SO' 

FICS.2 

3.3       leakage Drag 

Bitter experience has taught us that leakage of air from the aircraft, and in particular from 
the powerplant can be a significant source of loss of performance. 

Such leakagjs can only be eliminated by meticulous attention to detail design in the region 
of hinges, access panels, fuel drains etc. 

Not all of the momentum is lost of course.      In general some of the air at least will be 
exhausted in a more or less aft direction although it will be found very difficult to quantify the 
reliefs.      As a guide based on flight test experience a momentum recovery factor of 50% should be 
assumed. 

ELLIPTIC     STEPS 

draq of'   elliptical plonform 
"—■ 2a(, c'pv Cpv  PRESSURE   ON VERTICAL   STEP 

'HIS 

t~_ 
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DRAG     OF     GROOVE    PERPENDICULAR   TO   FLOW 
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SECTICT! i>     ESTMATIOI.' OF INSTALLED POWERPIANT PERFORMANCE 

This section discusses some aspects of supersonic powarplant design which have an influence on 
aircraft performance calculations. 

ii.1 

Design Features of Supersonic Powerplants 

Intakes 

A glance through publications such as Janes All the World's Aircraft, will reveal that designers 
of supersonic aircraft are by no means agreed on the best way to install an engine into an airfrane, 
Fig. 1.1. 

Fuselage intakes can be semi-circular, 
circular  (pitot),  two-dimensional with vertical 
compression surfaces or two-dimensional with hori- 
zontal compression surfaces.    Underwing intakes have 
been podded, axisymmetric or two-dimensional mounted 
directly under the wing. 

What then determines the choice of intake 
location and type?     Predominantly of course the 
design specification.      Fighters, with a requirement 
for high manoeuvrability at subsonic speeds with 
supersonic dash capability have very diffeiant 
constraints from the bomber or transport which needs 
to fly economically for long periods in well 
defined supersonic conditions. 

SUPERSONIC    INTAKE    DESIGNS 

3=5- 

The former, will normally have fuselage 
mounted engines to reduce the roll inertia, and 
the intake location almost inevitably becomes a 
fuselage side mounting.    The intake itself may, 
depending or. the mission, be either a very simple fixed geometry design or at the most a scheduled 
or simple closed loop intake control system.      Maximum intake recovery at top speed will be sub- 
ordinated to the provision of adequate flow qualities at the extremes of attitude encountered 
during manoeuvres   : -3g to +3g,  perhaps in ci..-Mnaticn with significant sideslip. 

Transport aircraft on the other hand will have a more restricted flight envelope - typically 
0 to 2 g;    and the installation must be designed to maxiiu.se intake recovery and minimise dr. • 
whilst providing adequate capability to deal with atmospheric disturbances etc.      In this case the 
designer can invuke the aid of sophisti :ated control systems if necessary. 

am - 
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Hriderwing versus Fuselage Mounting 

Mounting the intakes under the wing has several advantages  :- 

i) The underwing liach nunbar is less thin freestream, so that problems of 
intake design are lessened and the potential intake recovery increased. 

ii)       Incident flow angles due to aircraft incidence changes are greatly reduced, 
although care must be taken to ensure that changes in the local wing flow 
field with incidence do not provoke i growth wing boundary layer which may 
be ingested by the intake.    This may be accomplished by a suitable designed 
boundary layer bleed (diverter). 

iii)      The forces associated with pre-entry spillage and flow turning in the compression 
process (discussed below) may be used to give lift components which materially 
improve the overall lift/drag balance of the installation. 

lv)       Access to the powerplant for maintenance is straight forward. 

Against these must be set the fact that the intake in more prone to ingestion of water and 
debris from the runway, and that there is no possibility of shielding of noise emanating from the 
intake.     The intake design case will probably be sideslip at thf highest <xpected Mach number. 

With a fuselage mounting, the intake operates at close to freestream flach number.    It will be 
necessary for the intake to accept a wide range of flow angles corresponding to the required aircraft 
manoeuvrability limits.    Although it might be thought that there was at least protection from sioeslip 
variations, it has been found that the build up of fuselage boundary layer due to crossflow effects 
can produce flow conditions which adversely affect the intake operation.    For this reason one often 
sees very wide boundary layer diverters    on aircraft with fuselage side intakes. 

Water ingestion will be less likely than is the case with underwing installations, although 
the chances of debris pick-up will be very similar. 

Characteristics of Supersonic Intakes 

Supersonic intakes can be subdivided into two basic categories; those in which all the 
supersonic compression is carried out externally and those in which some of the supersonic conpression 
is carried out inside the intake. 

Supersonic compression is achieved by reducing the  speed of the air through a shock wave, or 
system of shock waves, until the airstream is subsonic.    Having reduced the .Mach number to less than 
uaity the air is then further compressed in a subsonic diffuser, to a speed acceptable to the e:aine 
or ram-jet. 

The simplest example is a pitot-type intake 
with the supersonic compression being achieved 
through a single normal shock,  and further 
compression carried out in a simple subsonic 
diffuser (see Fig. U.2).    There is, of course, 
some loss in total pressure at the shock and 
further skin friction losses in the diffuser; 
typically, 2% totaL pressure. 

By introducing a sloping surface in £zrat 
of the shock, a second, oblique shook if produced 
which reduces the strength of the normal shock. 
The overall losses of the  system are thereby 
reduced. 
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Fvrther improvements can be achieved by 
maieing use of more sloping surfaces, but in so 
doing certain disadvantages arc introduced, 
which will be discussed later.    Fig. U.2 shows 
the maximum shock pressure recoveries which can be achieved using various geometries, assuming the 
optimum geometry at each speed. 

The following examples relate to two-dimensional intakes, being simpler to calculate and 
understand, but the general conclusions apply to both rectangular and axL-syrametric cases. 

Before considering the effect of intakes on performance calculations we must understand the 
behaviour of an intake under various mass flow conditions. 

The efficiency of an intake is given by the ratio of the mean total head =.t tht  en^ir.e 
compressor face to the free-stream total head.      The loss in total head is comprised of losses 
through the shock wave system,  which can be calculated, and losses due to visccvs effects,  which 
include skin friction and shock wave - boundary layer interference effects. 

-- 
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Fig. li.3 shows the characteristic curve 
of the simplest type of multi-shock intake, a 
single-wedge, two shock system. The variation 
of pressure recovery with intake mass flow is 
shown with the intake running at the design 
condition, that is, with the oblique shock 
crossing the lip of.the intake at the design 
mass flow. In the section on test techniques 
•first wedge spill1 is mentioned. This is 
simply a variation in which the oblique shock 
wave from the first wedge passes in front of 
the covl lip, thus permitting some air 
deflected by the wedge to escape from the 
intake. At the optimum pressure recovery 
condition the normal shock is at the throat 
of the diffuser where the mass flow has just 
reached the maximum value. At low mass flow, 
such as point 'A', the normal shock is 
expelled forward to enable the excess air 
to be spilled over the outside of the lip. 
Some of the air entering the intake in this 
condition passes thorugh the single shock formed by the fusion of the normal obliqi'e shocks and, 
therefore, enters the diffuser at a lower total pressure than that nearer the wedge, which has passed 
through the two shocks. There is, therefore, a lower pressure recovery at this point. In such 
conditions of flow 'spillage' the intake is said to be "subcritical". 

As the mass flow is increased the recovery increases lightly and reaches a maximum as the 
normal shock passes into the throat (point B).  At this point the mass flow has also reached a maximum 
and the intake is said to be running "full" or "critical". Any further increase in engine speed would 
only decrease the back pressure in the diffuser causing the normal shock to move into the diffuser, 
gaining strength as the Mach Number in front of it increases. There is no increase in mass flow as the 
stream tube, now at the lip, is not influenced by further changes in intake condition. The net 
result is a decrease in total pressure recovery at a constant mass flow. The intake is now said to 
be "supercritical". 

Performance Aspects 

Having explained the operation of an intake over the mass flow range it. is possible to examine 
the main performance characteristics of the intake, the first of which is to supply the correct mass 
flow at all aircraft speeds with high efficiency and low drag. 

The drag of the intake includes the pressure drag on the incidence streamline to the lip 
(ab, Fig. lj.W, also the external pressure drag on the cowl lip (be), both of which are governed by 
the strength of the oblique shock. 

.- *smi 

MACH 

There is, therefore, a wedge angle which 
will gi"e a maximum value of thrust minus diag at 
each Mach number and a corresponding mass flow 
for this position. This mass flow character- 
istic can be seen in Fig. li.ii, on which the 
capture area, i.e. the area of the stream tube 
entering the intake reduced to freestream 
conditions, for the optimum thrust minus dra; 
is plotted against Mach number. A typical 
engine requirement is also shown, to which thu 
intake has been matched at the design 
condition.  It is usual to match i.nar the 
design condition if the aircraft has a 
prolonged supersonic cruise since the volume 
of air tc be spilled, hence the drag, is a 
minimum. With aircraft having a short 
supersonic duration e.g. fighters, the maximum 
speed performance is not so critical and the 
emphasis is on the maximum acceleration in the 
transonic phase.  In this case the intake is 
usually matched at sonic speeds with due accounting for the performance requirement during sustained 

manoeuvres. 

As the engine will accept only a given amount of air the excess during the transonic phase 
or as the result of engine throttling must be diverted back to the freestream as efficiently as 
possible.   To do this it is necessary to vary the geometry of the intake still further. 

If the ramp angle is increased, pushing the oblique shock forward and diverting the excess 
over'the top of the intake, the overall thrust minus drag of the system is reduced because the 
chosen position is already at the optimum. 

FIC. 4.4 

O^MP 
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If the excess air is accepted into the intake, spill vents can be provided in the diffuser 
which must allow the correct nass flow to be expelled efficiently into the freestream. This system 
will produce some pressure drag on the spill vents and ex±1 streamline (de, fig. Ii.li) and drag due to 
the loss of momentum between the intake fact (b) and the so'11 vent exit (d). 

On aircraft like the Concorde facilities are provided for both methods of spillage 
choice of compromise settings which result in a minimum of drag at each Mach number. 

allowing a 

Variable mass flow will, of course, need intake control, and * study of the aircraft's 
performance requirements will indicate what type of control system is necessary. 

For short-duration aircraft it is sufficient to move either the wedge or the spill vents and 
to suffer some increase in spillage drag.  In longer range aircraft it is necessary to adopt a full 
control system in which the positions of the wedge and the spill vents are varied in order to reduce 
the excess drag to a minimum.   Changes in intake mass flow due to changes in speed can usually be 
set against a Mach number programme. The resulting motions required by these changes can be 
relatively slow. Adjustments in mass flow, due to variations in engine airflow or ambient conditions, 
on the other hand, must be rapid. 

So far only a simple two-shock system has been considered, with all the supersonic compression 
carried out upstream of the lip.  This system is perfectly adequate for speeds below a Mach number of 
2,  but at higher speeds the shock losses becjme too great and a more advanced design is necessary. 

Fig. li.2 shows the maximum shock pressure recovery to be expected from various geometries, 
assuming the optimum geometry at each speed.  The simplest system is, of course, the pitot-type 
intake, which can be used efficiently up to Mach numbers of 1.6. At^ve this speed thi normal shock 
losses become too great, and a second oblique shock produced by a wedge is introduced to reduce the 
Mach number in front of the normal shock and increase the overall efficiency. 

By introducing further wedges the shock losses can be further reduced, the optimum 
configuration being, of course, the isentropic intake, a curved wedge giving an infinite number of 
infinitely small shoeks, terminating in a single normal shock. 

Cn the hasis of Fig. 2j.2 it would be apparent that the choice would automatically go to the 
isentropic intake.  However, three points must be considered. 

(i)     Cowl lip drag 

(ii) Off-design performance 

(iii) Shock/boundary layer interactions 

An increase in the number of wedges results in the flow being turned through a large angle, 
relative to the freestream, at the entry and,  consequently,  the lip angles, and hence the cowl drag, 
are high.      This factor and the poor off-design performance eliminates the isentropic intake for 
aircraft such as a supersonic transport. 

Furthermore, as the number of wedges increases,  so the extra-to-shoc,'c losses increase.    These 
losses are in part due to the interaction of the shocks rn the boundary layer of the wedge and the 
side of the intake and (or a two-dimensional intake) can quickly become of such an order as to over- 
come the benefit of the increased compression efficiency. 

To a limited extent the boundary layers before the shocks can be led away by discrete bleeds 
or perforations.      If a moderate amount of bleed is found to improve the performance it should be 
incorporated;    nevertheless it is somewhat of an embarrassment as it must be disposed of in an 
efficient manner,  otherwise the drag losses may be greater than the improvement of thrust obtained 
from an increased pressure recovery. 

With the multi-shock systems it is possible to reduce the lip drag of i,ne intake by 
introducing some internal compression before the throat of the diffuser. 

Fig. k'2 shows two three-shock Intakes which have the same  theoretical performance.    The first 
is an all-external compression type which has a high lip drag.    By removing the second wedge from the 
lower surface and putting the same compression on the upper surface, as shown in the second 
illustration, the cowl lip angle can be reduced to zero.    This implies no external drag in the cruise 
condition but,  although there is an improvement in the overall performance,  it has to be gained at the 
expense of more  complication. 

With sufficient internal compression to make the venture worthwnile the shock system will not 
establish itself unless the contraction is reduced to a small enough value to enable this to happen. 
Once the shock system is established,  i.e.  the intake is  'started' the geometry cf the intake is 
adjusted until the required optimum compression is achieved.    Should some disturbance,  such as gust 
or engine malfunction push the normal shock forward of the throat it will immediately move to a 
position forward of the intake lip and remain there ontil the geometry is altered in the manner 
Just described.    This is known as intake unstart.      To provide the necessary adjustment, devices 
must be incorporated to override the sensing mechanisms controlling the mass flow.      The  control 
must be rapid, but must not result- in sudden surges in mass flow which may upset the normal  operation 
of the engine. 
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ii.2   Engines 

A proper treatment of the characteristics of engine design for supersonic aircraft is really 
beyond the scope of this paper.  Excellent resumes of the problem can be found elsewhere, e.g. 
Sefs. 22, 23, 2k. 

There are nevertheless certain features of the engine which have a bearing on aircraft design 
and on the test techniques to be described in the next section and which should be briefly discussed 
beforehand. 

There are two notable differences in the supersonic operation of aix breathing engines in 
comparison with the subsonic case :- 

(i)   At high Mach numbers a dominant portion of the cycle pressure ratio is 
generated in the intake. 

(ii)   The high total temperatures reduce the cycle temperature ratio since the 
maximum cyclr temperature is limited by availability of materials. 

The former dictates that much attention must be devoted to the measurement (and improvement) 
of intake recovery. 

For an un-reheated turbo jet, at a given level of intake total temperature and T.E.T., an 
increase in pressure ratio will reduce the amount of fuel which can be used which reduces the specific 
thrust but improves the specific fuel consumption see Fig. li.J.For aircraft where supersonic economy 
is unimportant, the thrust loss can be made up by the use of reheat, but for transport aircraft this 
is uneconomical. 
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As with most aspects of aircraft design, the final choice will be a compromise depending on the 
existing circumstances. 

Whatever the choice of engine pressure ratio, it is inevitable that the jet pipe pressure 
ratio *t/f+ will vary greatly throughout the flight (Fig. 1».6).  At around 2.0M pi/f will be about 
15 whereas in hold or subsonic cruise conditions it will be as low as 2 or 3.      "'" 

In addition it must be borne in mind that the engine thrust, or the nett thrust Xu  is the 
difference between the gross thrust of the jet XQ and the air momentum drag yp. 

At M 2.0,   *<*&,,* 2.5, under hold conditions it is also about 3. At subsonic climb 
conditions **/n*    reduces to about l-Z , this is because of the higher TET than in hold. This 
neans that in cruise, for example, c  1? loss in gross thrust is a 2ft loss in nett thrust. 
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It can therefore be seen that the combination of engine characteristics end flight dynamics 
makes the net thrust highly sensitive to the nozzle gross thrust efficiency so that great care is 
needed to obtain the best possible estimate of nozzle performance. 

It.3  Nozzles 

As outlined above, the conditions to which the axhaust system has to adapt itself vary so 
greatly that it is virtually impossible to avoid variable geometry - at least for transport aircraft. 

Cruise thrust could be maximised by expanding the gasses isentropically in a Laval nozzle 
i.e. a convergent-divergent nozzle with the exit area chosen such that the static pressure at the 
outlet equals the external back pressure. 

It is however well known that a nozzle of convergent/divergent form exhibits poor thrust 
characteristics at pressure ratios well below design.  This arises from a defect peculiar to 
supersonic flow and commonly referred to as over-expansion. Despite the benefit which shock 
induced separation confers on performance in this region there remains a substantial loss. For 
example at an applied pressure ratio of 3, a nozzle of design pressure ratio 20 would suffer a 10% 
fall-off in efficiency under static conditions. 
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On the other hand the simple convergent nozzle 
which gives good subsonic performance nay lose about 10% 
gross thrust i.e. 25* nett thrust relative to the optimum 
Convergent-Divergent nozzle at a pressure ratio of say 15 
Fig. It.7. 

Solutions which have been put forward from time 
to time range from, on the one hand, nozzles of 
continuously variable geometry which can be modulated to 
provide the correct area ratio in accordance with the 
prevailing exhaust pressure ratio to, on the other hand, 
nozzles of fixed outlet area incorporating various 
aerodynamic techniques intended to prevent the jet 
over-expanding at selected conditions of operation. 

It is not intended to enter into this controversy in this paper. For now, it is sufficient 
to note that a commonly seen solution is that shown diagrammatically on Fig. lt.8. 

This consists of a convergent primary 
nozzle which may be variable in arsb either as an 
engine control or to provide for re.ieat 
operation; surrounded b> a divergent section 
with variable exit area obtained by aerodynamic- 
ally balanced flaps or, as on the production 
Concorde directly powered buckets. 
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Ventilating air is supplied to the annular 
gap between primary and secondary nozzles, this 
air coming either from the engine bay cooling 
air, or from external sources with a suitable 
intake. 

The required nozzle exit area will 
rarely be either the same size or shape as the 
maximum nacelle (or fuselage) cross section, so 
that some degree of 'boat-tailing1 or base area 
will be present. 

The amount of base or boat-tall required will vary with the flight condition. At supersonic 
speeds the required nozzle exit area is at a maximum (because of the high overall pressure ratio and, 
for fighter aircraft, the use of reheat).  In subsonic conditions the required exit area is much 
lower, and, for optimum performance, the afterbody must be closely cowled down to this area fairing 
over the maximum possible length. 

The pressures on the base (or  boat-tail) will be affected both by airframe flows and by the 
nozzle exit conditions.   This leads to complications in the necessary testing techniques as 
described below. 

- - 
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SECTIOI: 5 3BRIVATIOK OF THRUST ASP DRAG PECK WHIP TUI3.TSL TESTS 

As ftated in the Introduction, the techniques now to be described are not the only ones 
possible.    They do however font a consistent well documented set which is common to  several parties 
and which has been proved to give excellent results. 

Thes.-"! methods rely heavily upon component aerodynamic characteristics measured on small scale 
models in wind tunnels. 

The outline below first gives the definition of thrust and drag which is used and this is 
followed by descriptions of the methods used to obtain each component. 

5.1        Drag and Thrust Definitions 

The drag and thrust definitions are 

(1)    Aircraft Drag 

(2)   Nozzle Thrust 

(3)    Momentum Drag 

D = DD + DE + DFL +Ao+ Ve * \ + (DS + CAI + V + DP 

*C =  (VBl *  V}H +  (lWfl + DB "  (lWlJP + XTD + XG03 

where   :- 
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- drag 

- thrust 

- mass flow 

- true air speed 

- acceleration due to gravity 

- datum configuration (see Section 3) below 

- elevators 

- flexibility effects 

- nose 

- undercarriage 

- rue    rs 

- spillage (additional to free flow nacelle mass: flow ratio at subsonic 
speeds and extra to first wedge spill at supersonic speeds) 

- Auxiliary inlet 

- Dump door 

- parasitic items not represented on models 

- external to nozzle 

- fully representative nozzle configuration, tertiary doors closed 

- nozzlt parasitic items not included on models 

- central base between twin nozzles 

- gauge gross force 

- global (in context of nozzle testing the force measured on the model 
is equivalent to 
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tertiary doors 
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Suffices (Cont'd) 

OTT - Internal to nozzle 

1 - compressor face 

RB - ramp bleed 

HE - beat exchanger 

QB - overboard bleed 

L - leakage 

- freeatream conditions 

Baton Configurations 

Since it is not possible to test completely representative aircraft models with nacelle internal 
characteristics varied over the full range of mass flow and pressure ratio through which the powerplant 
operates, the derivation of thrust and drag is based on characteristics obtained from four sources :- 

(1) Aircraft models with representative external geometry but non-representative internal 
flow. 

(2) Intake/aircraft models with representative intake entry flow and external geometry 
representation sufficient to give the effects of wing flow field on internal intake 
performance, 

(3) Engine bay models to measure the internal pressure loss characteristics of the secondary 
system. 

(li)    Isolated nozzle models with representative internal flow but non-representative external 
flow. 

In combining the characteristics measured on the models,   (1) and (U) above, use is made of 
common datum configurations to provide a link between the separate measurements.    The drag and thrust 
definitions given above are formulated on this basis. 

Datum configurations are also used to minimise the amount of testing necessary to cover the 
aerodynamic characteristics of components incorporating geometric variability.    To test aircraft 
models throughout the full operational range  (Mach number, attitude) with all possible geometric 
configurations would lead to an enormous wind tunnel programme at prohibitive cost. 

The datum configurations are defined below. 

Aircraft Model 

The datum aircraft model incorporates the following components :- 

(1) Wing and Fin 

Che  'g' mid-cruise shape, elevens neutral, Jack fairings represented, undercarriage 
retracted, undercarriage fairings represented. 

(2) Fuselage 

Nose in cruise configuration, all fully defined features represented. 

(3) Nacelles 

(a) External 

Direct scale of aircraft nacelle including diverter system, first wedge,  intake 
splitter plate and nozzle afterbody.      The external lines of the nozzle afterbody 
are different for subsonic and supersonic models,  the representation of the  setting 
of the final petals on the divergence of the nozzle being  :- 

Subsonic - fully closed  (minimum exit) 

Supersonic        - fully open  (maximuM exit) 

Note that  (i) items such as thrust reverser grills and base between the two nozzles 
are not represented on aircraft models for supersonic tests.    The base is represented 
on subsonic models,     (ii) intake spill doors and auxiliary intakas are closed on the 
datum model. 

mm 
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(b) Internal 

For subsonic and transonic testing (intake control system inactive regime), free llow 
nacelles are used giving mass flow ratio close to maximum continuous power requirements 
at the high Mach numbers.    For supersonic testing (intake control syttem operative 
regime) the datum configuration is such that first wedge spill is represented on the 
model.     The nacelle exit geometry on supersonic models is not representative of the 
actual nozzle exit, a single near rectangular duct being used to exhaust the flow 
from the nacelle (see (2) below). The supersonic models therefore hare a large 
unrepresentative base surrounding the jet. 

Nozzle Models 

The nozzle models consist of a representation of a single nozzle with a reflection plate to 
simulate the plane of symmetry.    No attempt is made to generate a representation of the wing flow 
field.      The wing/nacelle representation is limited to :- 

(1) Wing (Datum and actual models) 

upper surface representative aft of eleven hinge line and within the confines of the 
nacelle sidewall/wing lower surface Junction. 

(2) Datum Nacelle 

Representative aft of engine face. External shape is consistent with the subsonic 
and supersonic definitions given in (3) (a) above. Internal geometry definition is 
consistent with (3) (b) above. Exit mass flow and pressure ratio are defined to be the 
same as those measured on the aircraft models. Thrust reverser grills are not represented. 

(3) Actual Nacelle 

External lines and internal geometry are representative of the aircraft configuration. 
Thrust reverser grills are represented. This model is tested through a range of primary 
nozzle area, pressure ratio and secondary mass flow ratio. 

5.3  Derivation of Drag and Thrust from Wind Tunnel Models 

The drag and thrust characteristics, used in Concorde performance assessment, are based on 
measurements made in various facilities. 

These facilities operate at Reynolds numbers substantially lower than those encountered in 
flight. It is therefore necessary to correct the model measurements for Reynolds number effects. 
Particular attention is directed to achieving a high degree of accuracy in assessing the corrections 
for application to supersonic testing, since the effect of supersonic drag level (cruise flight) 
has a profound effect on aircraft mission performance.  Ch the other hand, for subsonic and 
transonic drag derivation, some corrections are not considered since the effect on mission 
performance of errors at these conditions is considerably smaller. The basic corrections are :- 

(1) Nacelle Internal Drag 

Nacelle internal drag and non-representative base drag is deducted from basic model 
measurements.     Internal drag derivation depends on the facility being used. Tests 
in the RAE facility use exit flow survey and pressure integration to determine momentum 
loss in the nacelle flow.      Tests in the NIP. facility use mass flow and moment'-;, 
calibration of the nacelle. 

(2) Skin Friction Drag 

Flat plate skin friction theory is used to .elculste skin friction drag as a function of 
Mach number, Altitude and ambient temperature as discussed in Section £ • Application 
at wind tunnel conditions permits the pressure drag tc be obtained. 

(3) Heat Trarafer 

Calculated as an increnent relative to the zero heat transfer calculations in (2) above 
(see Section £   ). 

(10    Diverter Dray; 

Pressure drag of the diverter varies with xmndary layer depth.    Linearly scaled models 
at wind tunnel Reynolds numbers are operating in a boundary layer thicker than will be 
encountered in flight.      Isolated diverter models are used to assess this correction 
which is applied only at Supersonic Mach Numbers. 

üb 
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(5) First Wedg« Spill Drag 

Hass flow spilled through the first «edge shock increases as boundary layer depth 
increases. Linearly scaled models at wind tunnel Reynolds numbers operate In thicker 
boundary layers than encountered In flight and hence the spillage (and its associated 
drag) are greater. This correction is applied to supersonic tests only. 

Aircraft Drag - Component Contributions 

Examination of the drag equation, Section .5.1, shows that a number of component drags are 
required to assess the total drag of the aircraft. Sons of these will be measured by component tests 
on the same models and In the same facilities as the datum configuration discussed above.  Other 
components will require special tests or analytical treatment. The derivation of the component drag 
contributions is discussed below. 

3),   - 

*,i 

-^V* - 

i>. 'AJ 

»» 

tewJL- 
terl 'HP 

This term is the drag change due to elevator movement required to trim the aeroplane. 
The basic aerodynamic data used for the trim calculation is obtained from the models 
and facilities discussed abo^e.     It should be noted that rigid aircraft 
data (including elevator effectiveness) are used In estimating this term.   All 
flexible effect« are combined in the component  3>FL as below. 

This term represents the total change In drag due to the various effects on 
flexibility including 

(a) derivation of the basic camber distribution from the one g mid cruise shape 
datum and its effects on lift, pitching moment and drag polar. 

(b) flexibility influence on elevator effectiveness 

Component tests on the models discussed above   are used to establish these items. 

Spillage drag is derived by testing the datum models discussed above with a range of 
nacelle flow varied by 

(a) nacelle blockage at subsonic and transonic speeds, the fixed geometry range 
of intake operation 

(b) representative second ramp geometries together with nacelle blockage at 
supersonic speeds.    The interference lift effect of spillage is of course 
determined bj the same tests. 

Tests on a 1/6th scale model were used to assess auxiliary inlet drag. 

Dump door drag was assessed using external drag measurements on a 1/60th scale model 
together with calculations of the thrust recovery of the dump door exhaust flow. 
This term is non-critical for all missions of interest, the dump door will be closed. 

Parasitic drag of all items not included in wind tunnel models is calculated using 
experimental data where available  (steps, gaps, etc.).    (See Section    &    ). 

Item measured on nozzle tests, see below 

Nozzle parasitic drag derived by same technique as 3)^. 

Intake Performance 

The delinitive intake performance is measured using intakes mounted uu~*.r partial wing 
re pre sentatior.. 

The measured results need correction for 

SJi 

(1)   Reynolds number 

(2)   Diverter System 

affects capture flow and intake recovery, corrections assessed 
from isolated intake models. 

the diverter height/boundary layer depth ratio pertaining to full 
scale Reynolds numbers cannot be achieved at wind tunnel conditions 
using a directly scaled model.    T^e wing profile in the immediate 
vicinity of the intake is distorted to ensure that the correct 
proportion of the boundary layer is swallowed by the intake. 

Secondary System Pressure Losses 

The pressure losses experienced by the engine bay flow are measured on a renresentative half 
scale model.    Characteristics are measured for all sources of flow into the engine bay (e.g.  ramp 
bleed, ground running door).       These results are used directly in performance estimates and rssumed 
to apply to all engine bays. 

mmm 
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COMPLETE     AIRCRAFT     MODEL 

SUPERSONIC      CONFIGURATION 

WITH    SONIC      EXHAUST 

TYPE    IP    NOZZLE 

EXTERNAL     DRAG =   DATUM • 

TOTAL     BALANCE    FORCE  - INTERNAL    DRAC 

-BASE     DRAC 

REFERENCE     NOZZLE      ISOLATED    ^ODEL 

SUPERSONIC      CONFIGURATION 

WITH    SONIC      EXHAUST 

TYPE    10    NOZZLE 

MODEL   TESTED    WITH AIRCRAFT     MODEL    MASS   FLOW. 

CROSS      THRUST   AND BASE   FORCE   ARE    CORRECTED    OUT 

RESULTING     DRAG    IS NOZZLE     PART    OF       DATUM 

DRAG      (DIXI), 

REAL    NOZZLE     ISOLATED    MODEL 

SUPERSONIC      CONFIGURATION     TYPE    10    NOZZLE 

MODEL    TESTED    WITH    AIRCRAFT    INTERNAL 

FLOW    CONDITIONS 

EXTERNAL    DRAG   =  TOTAL    BALANCE   FORCE 

CORRECTED    FOR   GROSS   THRUST  4   BASE   FORCE. 

= (D"0D  +(D"0N 
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5.5       Nozzle Performance 

Nozzle performance is measured on snail scale models (approximately 1/20th scale).       These 
models are tested through the full Mach number range from 0 to 2.OH.   Datum models are tested with 
internal flows representative of the flow in the datum nacelle used on aircraft models.    Internal 
thrust and base drag are corrected out of the measurements.    Haas flow measurements and exit pressure 
surreys are used to determine these corrections.    The actual nozzle model is tested through a range 
of internal flow conditions representative of the full range of possible engine settings at each 
Mach number.     In addition static testing at internal conditions representative of supersonic 
cruise is carried out on 1/10th scale models to determine internal performance to a high degree of 
accuracy.     These measurements are used to facilitate the derivation of the thrust components.   The 
model measurements are corrected for the non-representative primary flow temperatures used in the 
wind tunnel tests (hot gas or Y effect).      This correction is applied at supersonic conditions 
only, and is derived by calculation of Internal nozzle pressure distributions for cold and hoi. 
flows using the method   of characteristics. 

Two imposant terms in the drag equation (sectional equauior  (2)), associated with the nozzle, 
are 

(S^J -       this term includes reverser cascade drag with leakage and any effect of internal nozzle 
<* flow on external boat-tail surface 

3*g    -       drag cf central base between twin nozzles in presence of nozzle flow 

Both items will be functions of engine setting and secondary flow and are determined from the 
1/20th scale tests. 

SECTION 6      EFFECT OF JESIGN MISSION OK DESIGN PHILOSOPHY 

This section gives an outline of the sort of decision processes that lead to a definition of 
an aircraft which will perform a given mixed subsonic/supersonic mission. 

(a)       Supersonic Transport 

Design Mission 

As a typical design mission consider the design mission which was used as a basis for 
Concorde 

(1) Pre Take-off 26JO lb Fuel 
(Engine start + about 10 minutes idle) 

(li) Take-off Brake release to 1,000 ft.      12,000 ft field 
ISA*10°C Sea Level 

(lii) Climb Cruise descend to 
1,000 ft 

3203 n.m.,  I,,+5°C, 13 Set headwind,  Cruise at 
2.0M 

about 

Civ) Destination Terminal 
Manoeuvre 

7 minutes at 200 kt, 1,000 ft. 

(v) En-route Reserves 51 BLOCK FUEL    (i) +  (li)  ♦  (ill) ♦  (iv) 

(vi) Destination Hold 15 minutes at ?50 kt,    10,000 ft 

(vii) Divert to Alternate 270 n.m., zero wind, 0.93M, 36,090 ft cruise 

(Till) Alternate Hold 20 minutes at 250 kt,  10,000 ft 

(ix) Alternate Terminal 
Manoeuvre 

7 minutes at 200 kt, 1,000 ft 

(x) Final Reserve 0.75% Tankage 

Od) PATXCAD NOT LESS THAN 20,000 LB (100 PAI) 

In the first place it may be noted that although the specification is for a Supersonic 
Transport, by far the greater part of the requirements concern the subsonic operation.    It will be 
seen later that this is no accident - about 2556 of the total fuel load will eventually be designated 
for subsonic conditions and fuel reserves. 

Next it will be noted that the mission calls for a prolonged supersonic cruise at around 2.OK. 
This choice of cruise Mach number has important repercussions on the design of the wing, the power- 
plant and the structure which will be discussed below.    Finally,  the specification contains no 
specific requirements for airfield noise.    The exclusion of such a requirement has had an important 
effect on the definition of wing and powerplant - the effect of including such an item is also briefly 
discussed later. 
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There is no specific requirement for Direct Operating Costs (DOC).    In effect the 
requirement is to reduce these to an absolute minimum, and as a first order criterion, this may be 
taken as minimising the required take-off weight. 

General Configuration 

Ihe actual configuration is of course arrived at by successive iterations over a long period 
of time - Concorde took about eight years from the back of an envelope to freezing the definition of 
the production aircraft, the Boeing 2707 at the tijne of cancellation had been und'.- study for 
twelve years. 

Ihe design process must start with a consideration of the cruise requirements.    The need to 
cruise at 2.0M immediately specifies that the aircraft will need a wing leading edge sweep of the 
order of 60 - 65° in order to maintain subsonic leading edge conditions which past experience shows 
to be a desirable condition for low drag. 

It is well known that wings with this sort of sweep have a lew lift curve slope, which in turn 
implies that to obtain the desirable low speeds for take - off and landing with a fixed geometry 
either the wing loading must be low and/or the incidence must be much larger than that of todays 
aircraft. 

The classical method of reducing take-ui" and landing speeds is to use trailing edge flaps. 
To do this however there must be an auxiliary lifting surfao? - either a tail or a canard which can be 
used to trim the associated pitching moments.    The alternative method;   that of using variable wing 
sweep, also requires the use of another lifting surface.   All of these prnTv>«oi« --_;;;* ^s examined, 
but before this can b« ***"> ■<+ it ™:z:z^z~j  >u oLaraxne tue cruise requirements in more detail. 

In Section 2, the supersonic drag was given as 

where 

FXICTK») 
•■irtLs 

TfT) 
where Cf is obtained Trom charts 
such as Fig.   £.3 

vt»*r*v 47T 

where   k0' 1 for an ideal body of 
revolution but can be  < 1 for a 
wing body configuration 

which is identical to the subsonic; 
lift induced vortex drag and 
L     -     lift 
b     -     semispan 
fcv   -      1  for planar elliptic span 

loading 

for a slender wing 

k. -1    for an elliptical chordwise loading but in general can be less than unity. 

For non-slender configurations and fc  more sophisticated estimates of slender aircraft it will 
be necessary to evaluate     Vi     «*'(»«»■, using a suitable computer calculation method as 
described in Section 2. 

It can be seen at once that where/is in subsonic conditions the maximum I/D (in the simplest 
terms) comes from associating minimum wetted area with maximum span i.e. high aspect ratio;    the 
supersonic case is more complicated. 

To maximise the supersonic I/D the following features are necessary 

Low *ing area 

Low total volume ) 
) 

Large length ) 

Large span 

Long lifting length 

*0 ftHTlvJ 

•   wave" 

*i   \IO*T£X 

4   W/Wf (and sonic boom overpressure) 
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It is obvious that these requirements conflict to a much greater extent than in purely 
subsonic design :- 

1, Considerations of low volume lead to a configuration with discrete wing and body 
components rather than an 'integrated' configuration.       However these components 
mist at least be integrated sufficiently to give the smooth area distribution 
required to minimise    Va    and a smooth lift distribution to give low Arv and  Acu . 

2. The requirement for a long lifting length leads to a fuselage designed for  'narrow* 
rather than 'wide body' seating. 

3«     High span for reduced vortex drag and a long lifting length are associated by the wing 
leading edge sweep requirements and taken together are in direct conflict with the need 
to minimise the wetted area. \ 

h.     The need for low wetted area is in conflict with the low wing loading required to keep 
take-off and landing speeds to a minimum. 

General considerations of this sort lead to a configuration of the sort shown in fig. 6.1. 

Putting  'good' values of the various coefficients into the equations and making a parametric 
study gives the results shown in Fig. 6.2. 

The optimum £*•/£   is seen to be about 0.35 leading to an optiraim span/length ratio of O.li 
at 2.OH 

The subsonic aerodynamics of the design must now be examined using whatever theories/data 
sheets/empirical correlations that the designer has at his disposal.      For slender wings it is 
reasonable to use standard methods e.g. E.S.D.U. data sheets for 'form' drag, but for the induced 
drag, it will be necessary to make some approximaticn based on past experience, with due allowance 
being made for the effects of wing camber on the incidence   for attached leading edge flow, and with 
varying 'K' factors depending on whether or not the flow can be considered to be attached at the 
leading edge.    Fig. 6.3 shows typical variations of K for plane wings i.e. flow detached.     Wings 
with high LE droops can obtain reductions in induced drag of up to 205» but at the expense of 
increased supersonic drag. 

It is assumed that for simplicity that one unique polar applies to all subsonic conditions 
and that the available thrust always allows  (I/D)H^ to be used,  except where speed conditions are 
specified. 

For a first iteration it is assumed that the profile  drag is related by a simple factor to 
the skin friction drag,  and that the induced drag is 10? less than the plane wing value given in 
Fig. 6.3. 

Fig. 6.U shows the variation of I/DMAX 
ani^ VD at 250 kts  (with a weight which will be defined 

later)  with Aspect Ratio. 

While this simplified approach can be used to choose the initial,  datum,  configuration more 
work will be needed to make a fine optimisation between subsonic ana supersonic requirements.    This 
inevitably will rely heavily on wind tunne]  tests. 

The aerodynamic drag information is now available, and it is necessary to study the power- 
plant philosophy. 

An outline of the elements of supersonic powerplant disign has Been given in Section li. 
For the cruise Mach number being considered it will be a natter of fine judgement for the designer 
to decide if he will opt for the relative simplicity of the predominantly external compression intake 
and accept the drag penalty,  or for the drag gains of a mixed compression intake and accept the 
complexity.      For higher Mach numbers,  say 2.5 plus,  there is Little doubt that he will choo3e a 
mixed or internal compression intake. 

For the case discussed here it will be assumed that the  choice is a three  shock intake  with 
external compression giving a recovery of 9U? at 2.0M and 98'5 subsonic  (Fig.  'a.2 with 2% diffuser 
losses). 

The choice of engine cycle is again a fins  drawn compromise.    The pure jet engine,  as shown 
in Fig. lj.5 can produce the good values of specific thrust which are required to minimise tht 
powerplr.nt frontal area  (and hence volume and wave drag).      However the basic s.f.c.  will be 
inferior to that of an engine with a modest bypass ratio, and the  take-off r.oise for a given thrust 
will also be higher. 

With the mission definition given above,  the choice goes to the pure turbojet.    If present 
day noise regulations were added tc the nission definition the balance would probably be in favour 
of some form of bypass e'igine,  although there would be great pressure on the engine designer to 
achieve high nass flo'-; for minimum frontal area. 
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Despite the arguments which have bean bandied «bout over several years, it would seen 
today that there is little to choose between the performance of various nozzle designs.    The 
cndse efficiency can be raised to very high levels (circa 99*5t) If the expansion angles are kept 
relatively low i.e. a long nozzle.        The subsonic losses primarily depend on the area of the 
engine jet pipe relative to the area of the secondary nozzle in its subsonic position and the 
^T)"C length between primary and final nozzle stations i.e. a short nozzle.   A nozzle design which 
permits the secondary nozzle closure to be spread over a long length of afterbody while still 
maintaining a short nixing length will be best, but the weight/performance balance mist be 
carefully watched.   A typical variation of nozzle loss through a mixed subsonic/supersonic flight 
plan is given in Fig. 6.5. 

Typical installed s.f.c's for a pure Jet engine are shown in Fig. 6.6.   These installation 
losses are relative to a datun configuration as defined in Section 5.    It will therefore be 
necessary to allow for the basic nacelle drag In computing the drag polar.      If it is assumed that for 
a given state of the art the nacelle cross-section per unit thrust will be roughly constant then the 
nacelle drag, which is proportional to nacelle cross-section, can be taten as proportional to the 
thrust required i.e. the naoalle drag can be represented by a percentage increase in the bare 
alrframe drag.    For an initial assessment a value of 6% will be assumed. 

Structures and Weights 

Strictly, the analysis of aircraft structure is no part of this presentation.     However in 
order to examine the influence of the design mission it is necessary to at least give a cursory 
discussion of the problem. 

In the first place, the choice of ?.0M as a cruise Hach number limits the stagnation 
temperature  (ISA»5°C leg) to U0O°K (127°C).      This allows the use of aluminium alloy construction 
which has the advantage of cashing many years experience. 

Secondly, and most important,  it is a fact that the payload fraction of a supersonic 
transport (which is operating en the fringes of what is possible) will be auch smaller than that of 
todays airliners.    Consequently the premium paid for structural inefficiency is much greater. 

At the same tine,  several desirable aerodynamic design features of an SST are acting against 
the designer.      For example structure «eight will tend to be increased by s- 

Hjduceri wing thickness/chord ratio 

Increased nose overhang 

Increased take-off/landing attitude  (undercarriage weight) 

These effects are to sons extent offset by the low aspect ratio of the wing. 

Oh the systens side, the increased avionics complexity, air conditioning and hydraulic 
-equirenenis will also contribute to the weight growth spiral. 

"or the powerplint, the mich more conplex intake and nozzle arrangements will subtract their 
quota fror, the  iv-il-ihle pcyload fraction. 

In crder to get a first appreciation of the design problems, let us assume that the weight 
can be represented by the following jrossly over-simplified breakdown » 

Hing weight 
Fuselage -jeight (including systens and furnishing) 
?in weight 
'Jhdercarriage weight 
Pcwerplant (including intake and nozzle)» 
^yload 

a ib/ft' 
350 lb/ft run 
6 lb/ft* 
hi TOU 
750 lb per sq.ft. cruise drag 
25,000 lb 

It Is assumed that the cowerplant weight is proportional to cruise thrust i.e.  to drag 
and a convenient parameter in the analysis (see below) is drag/^pU1 which has the 
dimensions of ft'. 

Jesign Assessment 

With the »laments assembled,   it is now possible to exanine the effect of various parameters 
an the design. 

'* shall study a family of aircraft with a given fuselage length and diameter associated with 
wings of 2.00C, li.OOC and 5,IOC ft* permuted with aspect ratios of 1.0, 1 .u and 1.3 to get a first 
iiea of the problem. 
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Ctlnt ion wry simple ideas of target L/D and a.t.e. together with an eqid.va!ent still air 
range at 2.0«, we find that a wing volume of 1,500 - 5,000 tO «ill be required for fuel, and that 
with a 200 ft long 11ft diameter fnaelage with 100 ft parallel centre section and a fie 10? of 
the wing area, the total volume will be of the order 23,500 - 2lt,500 ft3. 

Tt.e expressions of Section 2 are then used to evaluate I/D for each member of the family, 
and taken an Instilled a.f .c. of 1.2 (Fig. 6.6), with an equivalent still air range of 5,000 n.als. 
the ratio of start of cruise/end of cruise weight is obtained using the Breguet range formula. 
The end of cruise wjight can be calculated fron the weight expressions given above, leading to a 
variation of required TOW for the 'supersonic' mission as shown on Fig. 6.7. 

This suggests that an aircraft optimised solely on the supersonic cruise condition would have 
abcit 3,000 ft' wing area and an aspect ratio of about 1.6.      It should be noted that implicit 
in this optimum is the effect of varying wing and powerplant weights. 

Th» optiaua aircraft does not in general cruise at I/D^AI but at some lower value   which reduces 
the required powerplant weight and jives a lower overall TOW than that obtained by flight at I/DKAI- 

If one now includes the effect of subsonic conditions, the picture changes slightly. 

To simplify things a bit, we will assure that the original mission can be represented by the 
following 

200 n.nls. at 150   kts IAS at I/DMAI (subsonic cliab) 

3750 n.als. at 1150 kts IAS at I/D defined above    (includes effect of headwind and 5* block 
fuel reserves) 

300 n.nls. at ii5C    kts IAS at I/DHAJ (diversion cruise) 

1 hr at 250 kts at ZFW ♦ 12,000 lb (amalgamatun of three holding cases • 12,000 lb 
is first guess at mean holding fuel load) 

Using the subsonic characteristics given previously, the required TOW is as shown on Flg. 6.8. 

It is now seen that the optimum wing area is still about 3,000 ft2 but the optimum Aspect Ratio 
has increased to over I.S. In practice the take-off requirements will demand a wing area in 
excess of 3,030 ft? and, as may be seen, the penalty for this need not be lerge. 

From this point on, the design process is one of continual refinement of the iterative 
procedure.   For example, the assumption of constant wing weight per unit area would certainly be 
challenged, since weigiit would be expected to vary with span and t/c at a given area.   This weald 
probably reduce the optima aspect ratio. 

Equally, the assumption that systems weights can be lumped together in an effective fuselage 
weight per ft is a gross over-simplification.    In practice the fuselage length would be optimised 
for length ou a drag/weight basis, and for this a more sophisticated model of the weight would be 
required. 

With the cruise thrust requirement specified, the powerplant can be sized and the design optimised 
etc. etc. 

Enough has been said to show that the problem of supersonic transport design is, in essenoe, one 
cf coapromlse between conflicting subsonic and supersonic requirements.     As will be seen in the next 
section, this problem is not confined to supersonic transports. 

(b)       Combat aircraft   -    Contribution by W.D. Horsfield and E.R.A. Burns, British Aircraft 
Corporation, Military Aircraft Division 

Design Specification 

A typical design specification might be as follows :- 

Take-off to 50 ft and landinc within 2,000 metre field 
300 n.mls. range including 100 n.nls at 0.9M with 5 rain*, at maximum power at 0.9M carrying 
specified weapon load 
Supersonic capability with Maximum Mach number greater than say 2.0. 
Specific excess power greater than t-       700 ft/sec at S.L. Ig 

200 ft/eec at 10,000 ft, 0.9M, 6g 
150 ft/sec at 1.5H, 36,000 ft, 1g 

Time to 1*0,000 ft/1.3M lass than 1.5 mins. 
Design I.A.S. it least 750 kts 
assign Normal 'g'    8.5 
Attainable normal 'g' at u00 kts at least h 

In addition the specification may define tyre size and/or pressure, the number of guns and 
rounds of ammunition to be carried, the missile load (usually exceeded later) the fatigue life and 
radar/navigation equipment to be carried. 

BUM*«. 
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It will be sean fron this that the design considerations for a supersonic fighter differ 
from those of the previous example in that i- 

1)     The fighter has no single supersonic design point at which maximum aerodynamic 
efficiency is required.    It must perform efficiently over a wide range of Mach number - 
typically 1.2 to 2.0, and incidence - up to 20°. 

ii)   The fighter's structure and its stabilising and control surfaces are designed by 
manoeuvre requirements e.g.  +6 -3g and l80°/»ec roll rate;    rather than by gust and 
system malfunction considerations. 

It is evident from what has been stated earlier, that for efficient superronic flight liu 
frontal ares is required.      Consequently for this role, the weapon load «ill be kept to a minimum. 
In addition a thin low aspect ratio highly swept wing is desirable, but as will be seen later, tlu 
may conflict with the needs of airfield performance. 

By its very nature, the fighter requires a very high thrust/weight ratio - typically 0.7 to 
1.0 and this gives rise to major difficulties in integrating the intake, engine and nozzle Into the 
design.      The powerplant size is very large compared with the general size of the aircraft and 
dominates the layout. 

There is generally a critical section around the G.G. where the requirements of fuel and 
undercarriage stowage, wing, air Intake duct and installation of essential services all conflict 
with the ne*d to minimise frontal area. 

At the rear of the fuselage the need for an all moving tall (necessary for supersonic 
manoeuvre), a stiff fin with a substantial   rudder plus the thrust reverser/parachute installation, 
reheat and arrester hook all add their quota of volume.   At the same time, as mentioned In the 
powerplant section, there can be very large subsonic drag if the afterbody is not closely faired 
1own to the cold nozzle area. 

At the other end of the aircraft, the Intake, pilot, radar, guns/weapons, aerials and pitot 
systems all require forward looking area as bluff as possible while the supersonic requirements demand 
fine angles and long fairings. 

All this adds up to a design which must concentrate on the supersonic performance and then be 
optimised as far as possible to get reasonable subsonic performance using flaps/slats/variable 
geometry/parachute to meet airfield requirements, and, as In the supersonic transport, subsonic and 
supersonic requirements are in basic conflict. 

Sons Performance; Considerations 

A typical weight breakdown and fuel breakdown of a supersonic fighter and its Interception 
mission are shown in figure 6.7.      The small fixed weight fraction (Armament, Crew and Support 
Systems, Avionics), totalling 12J means that the design is •miy sensitive in the project stage to 
changes in the performance requirements.    It is noted also that although only 125 of the mission time 
is spent supersonically, \S>% of the fuel is used in this time. 

Figure 6.10 illustrates the primary interactions.   Design wing loading is dictated by either 
combat or airfield performance requirements and largely controls the alrframe weight fraction. 
Powerplant weight is dependent primarily on the thrust/weight ratio required to satisfy Maximum H, 
SEP (Specific excess power T-D/V x V) and sustained 'g* requirements.   It is Influenced also by the 
choice of design by-pass ratio rad reheat boost.    Their effects on engine weight and fuel weight are 
opposite, as shown in figure 6.10.     Increasing by-pass ratio gives a more efficient but heavier 
engine;    increasing re'.ieat boost gi'es a lighter but thirstier ermine.   These features must therefore 
be carefully chosen to give the minimum total powerplant ♦ fuel weight in the design mission. 

Finally (figure 6.10) the fuel fraction is Influenced largely by the radius of action and 
ssodb— Mach number requirements and is dependent also on the wing design parameters. 

AM small fixed weight fraction means also that aircraft size is sensitive to variations in 
drag and weight.    This is expressed by a growth factor, illustrated In figure 6.12 as a function of 
fixed weight fraction.     For the example quoted the growth factor is about 8;    In other words for 
every kilogram of weight added locally or of fuel added to overcome dreg without detriment to 
performance, the take-cff weight increases by 8 kg.   This demands very close attention to weight 
and drag control to achieve an efficient and lost-effactive design.    It requires also the correct 
balance between subsonic and supersonic design optimisation,     particularly where the trends are 
conflicting.    For example figure 6.13 shows how wing design parameter variations affect the 
relationship between supersonic and subsonic combat performance, indicating that increasing sweep 
is the way to go.     However, figure 6.11* shows that Increasing sweep Is strongly detrimental to 
take-off distance would demand increased wing area to restore performance, negating the benefit 
of increased sweep in combat performance. 

Figure 6.1$ illustrates the breakdown of profile drag for a typical supersonic fighter and 
figure 6.16 the sensitivity of climb and acceleration performance to profile drag  (amongst other 
things).     To cite one example, halving excrescnece drag (scoops, aerials, etc.) results in a drag 
saving of \i%, yielding 6% reduction in time to climb and accelerate. 

  - 

L 
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Manoeuvrability Considerations 

It is rare for aing lift limits to dictate supersonic manoeuvrability! except at low 
supersonic speed.  More often it is the excessive longitudinal stability combined with diminishing 
tailplaae effectiveness at hi^h supersonic speed which defines the maximum trimmable incidence, 
or tailplaae size ir> achieve a required limit, A typical picture is shown by the sliaded area in 
figure 6.17. 

In addition to longitudinal control, lateral/directional stability can constitute a limit to 
usable incidence.  At increasing supersonic speed the effectiveness of the fin as a stabiliser 
reduces steeply, due to its diminishing lift slope and due to aeroelastic distortion, with increasing 
Incidence its effectiveness id further reduced, due to body and wing vortex interference. The 
design case for sizing the fin is therefore likely to be at high supersonic spaed, high C.A.S., high 
g/incidence, as illustrated in Figure 6.18. Shown t-lso are typical relative sizes of fin required 
to satisfactory rapid rolling characteristics at high 'g', compared with the fin size required for 
adequate handling qualities in 1g flight. 
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Appraisal of Wing Aerodynamic Design Methods for subsonic flight speed. 

By W. Loeve, Head Scientific Services 
National Aerospace Laboratory 
Anthony Fokkerweg 2 
Amsterdam 
The Netherlands. 

SUMMARY 

For a number of direct calculation methods for the prediction if  flows 
around wings at subsonic speed, the basic assumptions are discussed. This 
forms the basis of the demonstration of the applicability of the methods- 
Comparison of calculated pressure distributions with results from wind- 
tunnel tests serve to illustrate this for three-dimensional wings and for 
the limiting case of plane flows around aerofoils. 
Attention is paid to the use of inverse methods. In this context the use cf 
hodograph methods for the design of aerofoils with transonic shockfree flew 
is discussed. 

1. HJTRODUCTIOll 

In principle aerodynamic design methods consist of iterative processes in which alternately 
simulation of flows around bodies by means of (mostly digital) computers and experiments with models 
in windtunnels are used. Finally a verification in free flight takes place from which it can become clear 
that it is necessary to improve on the design by means of the original process again. The design process 
in general is complicated because the aircraft has to be operated safely and economically under a number 
of quite different conditions. Besides an interaction takes place of structural and aerodynamic 
considerations. Very often the expression "design method" is used for only the simulation of the flow by 
means of a digital computer. In the following the expression "calculation method" will be used to indicate 
this. 

For stationary flow important aerodynamic characteristics of the wing are lift, drag and pitching 
moment as functions of angle of attack and flight speed. For the iterative design process of the wing it 
is essential to have detailed knowledge of the relation of the results of calculation methods, model 
experiments in windtunnels and free flight tests. In the present paper attention will be paid to the 
relation of results of calculation methods and tunnel experiments. Differences between calculated and 
measured results are caused by simplifications in the flow models underlying the calculation methods. The 
differences strongly depend on the geometry and flow conditions. As a consequence any appraisal of 
calculation methods depends on parameters that determine these quantities. 

The discussions in the present paper will be restricted to subsonic compressible flows around 
swept wings. Kuch attention will be paid co the limiting case of plane flow around aerofoil shapes because 
this can give insight in many characteristics of calculation methods for three-dimensional wings. The model 
of the flow that underlies the methods that will b« discussed is such that viscosity is neglected. Further 
the flow is assumed to be irrotational. This leads to potential flow with a potential^ from which velocity 
components in any coordinate direction can be obtained by differentiation with respect to the coordinate. 
The assumption of potential flow makes that flow separation and strong shock waves cannot be simulated by 
the models. One well known exception is formed by separation at sharp trailing edges of wings that is 
represented by a layer behind the wing across which a jump in potential exists. 

Host of the calculation methods that will be discussed are such that for a given geometry the 
flow is calculated. The method for such cases is called a direct method. When the geometry is a result of 
the computation the method will be called an inverse method. 

An important reason to make use of direct calculation methods in the design process is that when 
the computer programme is available the flexibility of the calculation with respect to change of wing 
geometry is much larger than the flexibility of mod<il manufacture for tests in windtunnels. Moreover 
computers are much more generally available than windtunnels. 

In addition to this the direct calculation methods in principle can be regarded as sets of rules 
that describe fluid flow. As such the methods are very useful as guides for finding a shape with 
appropriate aerodynamic characteristics. Part of this process often is the analysis of experimental results 
by comparison with results of calculations. This comparison for example can 3erve to distinguish between 
potential flow effects and viscous effects. It will be clear that experiments are essential tools to 
determine the characteristics of the configuration to be designed in flows that are outside the range of 
applicability of the calculation methods. It has been tried to illustrate the combined use of calculation 
methods and experiments in the diagram below (fig. 1). It can be seen in thie figure that me design 
process in principle is a trial and error process. 
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fig. 1 

Simplified representation of the aerodynamic design process with direct calculation 
methods. 

The shape by whiof> the design process of fig. 1 is started, often is obtained partly or in total 
by means of inverse Methods, in that case the designer has specific ideas about the required pressure 
distribution cr load distribution at the design condition. Also under these circumstances the design 
prociss is a trial and eiror process because a desirable flow not always appears to be related to a 
feasible shape and because a check at the off-design conditions ma/ show that the design has to be improved. 
One of the moRt important applications of an inverse method nowadays is the technique by which aerofoils 
with shock free transonic flow are obtained via the choice of flow characteristics in the hodograph plane 
and transformation of the flow and the related shape to the physical plane. 

The characteristics of calculation methods are defined by the basic assumption with regard to the 
mathematical representation of the behaviour of the flow, the boundary conditions that are fulfilled on 
the wing-surface and at infinity and the numerical treatment of the partial differential equations that 
form part of the mathematical flow model. For the details of the numerical procedures in the various 
methods that will be discussed reference »All be made to the papers in which the methods are described. 
Further it can be mentioned that of most methods numerical details have been presented earlier in the 
courses on numerical fluid dynamics presented at the Von Karman Institut«, 

2. DISCUSSION OF SIMPLIFICATIONS OF POTENTIAL THEORY IN THE VARIOUS EXISTING CALCULATION METHODS. 

Inviscid compressible flow is described by the conservation o" mass, momentum and energy. 
Furthermore there holds the equation of state of the flow medium. When the flow is assumed irrotational it 
is possible to define a potential <fi    The derivative of the potential in any direction is equal to the 
component of the velocity in that direction. The flow around a wing that moves in air with a constant speed 
U— can be considered as an undisturbed flow with velocity U at infinity upstream with a perturbation, 
induced by the wing, that is defined by a perturbation potential jP. When the z-axis of an orthogonal axis 
system (x,y,z) is chosen in the direction of 'J„,and when gravity forces are neglected, the exact equation 
for the perturbation potential is (ref. 1): 
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In this equation 1^ is the Machnumber of the undisturbed flow. 
The condition that the wing forms a streamline body in the flow is 

(1) 

Tn- -n . H (2) 

where n is the local unit outward normal to the surface of the wing. 
For all applications of potential theory to calculate the flow around wings with sharp trailing 

edge it is necessary to introduce the Kutta condition that guarantees that the flow leaves the trailing 
uüge smoothly. In real flow this is the result of viscosity effects that prevent that a discontinuity in 
the velocity field arises at sharp edges. The circulation around the wine is determined by the Kutta 
condition. The result of the circulation is that a surface exists behind the wing across which there is a 
jumpAf in the potential. Because no forces can act on this wake  -face it is aligned with the local 
velocity. 

WING SURFACE 

WAKE ALIGNED 
WITH LOCAL 
VELOCITY AND 
WITH JUMP AID 

oo 
AT INFINITY 

fig. 2 

The model for the flow arour.d a wing. 

The equation for the perturbation potential is non-linear. As a consequence it is not possible to 
find a general analytical method of solution of this flow problem. In most calculations use is made of 
simplifications of the potential equation and/or the boundary condition. The simplifications, are based on 
assumptions with regard to the magnitude of the perturbation velocity components in comparison with U^,and 
with regard to the Machnumber M . In the following sections son« simplifications will be discussed. 



M 

2.1 Simplifications of the potential equation. 

When all terms at the right hand side of eq. (1) may be neglected in comparison with those at 
left hand side, that contain no perturbation velocities, eq. (l) reduces to the linear equation 

the 

(1 
•v> V It* "Ox' (3) 

In the following attention will be paid to the .solutions of eq. (3) for plant'- flow that fulfil the 
boundary condition eq. (2) on the surface of the wing exactly. From the results conclusions can be drawn 
with respect to the desirability to extend the approach to three-dimensional flows. The judgement will be 
based on  comparison of results with exact solutions of the full potential equation. 

In most methods to solve eq. (3) use is made of similarity rules by which solutions of eq. (3) 
and boundary condition eq. (2) are related to solutions of the equation for incompressible flow 
^ 4) in eq. (l) ): 

a*'    i>r   Ö21 
(4) 

with boundary condition 

"on1 
-a.D. (2a) 

Here n' is the local unit outward normal to the wing in the <p'(x',y',z')  flow. The advantage is that the 
solution of eq. (4) £nd eq. (2a) can be determined slightly easier. However it is not possible to find a 
simple set of simula.rity rules that result in a solution of the flow described by eq. (3) that fulfils 
the boundary condition eq. (2) exactly. 

Eq. (4) can be obtained from eq. (3) by introduction of: 

x - x 

y1 

_ 1 

1-"J r 
1 - M ' 1 

(5a 

According to the boundary condition eq. (2) the wing has to be a streamline surface in the compressible 
flow$*(x,y,z). It is not possible to realise that also in the incompressible analogous flow the wing, that 
is transformed according to eq. (5a) is a streamline surface. The best approximation is obtained by making 
sure that the perturbation velocities in y and z direction are transformed in the same way as the y and 2 
coordinate. This is the case when 

(1 .V 
(5b) 

The streamline analogy then is obtained when 2-62 can be neglected on the surface in comparison with ti». 
This in principle already »as assumed when eq. (3) was introduced. The assumption is violated near blunt 
leading edges. This leads -.0 errors, especially when Mwis not small compared to unity, when the 
expressible ?{x,y,z)  flow is related according to eq, (5a,b) to an incompressible y?'(x',y',z') flow that 
fulfils eq. (2a) at the surface of the analogous wing. However, errors due to this effect are surpassed 
by other emrs due to neglecting the right hand side of eq. (1). In thiB equation e.g. the^^term 
be.omee of the same order of magnitude as the (1-M^)?^ tern at the left aide when ^approaches 
unity. 

The transformation via eq. (5a,b) is called the Gb'thert rule. According to these equations 
perturbation velocities in compress: ble flow can be obtained from perturbation velocities on an analogous 
configuration in the incompressible ,*low •'(x,ly

,
1z') according to: 

I-«J3J 

(6) 
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the pressure coefficient Cp is 

i*¥ (1-vV 

1 

Ü-1 (7) 

^•1,4, the ratio of specific heats of air. 

Especially when the local Machnumber in the compress "Me flow approaches unity large discrepan- 
cies occur between results that fulfill eq. (1) and results of the linearized eq. (3)- In view of this 
in section 3-4 attention will be paid to methods in which eq. (6) is supplemented with semi-empirical 
corrections for the differences between the actual potential equation and the approximation eq. (3). 

It is not necessary in principle to determine the <p (i'iy'iZ1) flow in such a ..ay that the 
boundary oonditior eq. (2a) is fulfilled exactly. In saction 2.2 various simplifications of the boundary 
condition will be discussed. 

In view of the shortcomings of linearized theory and the undesirable arbitrariness of semi- 
«mpirical corrections, attention will be paid in section 3.3 to a second order theory of Gretler for plane 
::"low that leads to simple formulas. In this theory all terms in eq. (l) that contain squares of perturbation 
velocities are neglected whereas all tens containing first powers are taken into account. The concerning 
potential equation is the two-dimensional limiting case of: 

"OÖ-0-Ö-"-'^ Sx?" ■&*'  ^J   "a* Uoo 
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Also in the concerning theory the boundary condition is taken into account up to second order accuracy in 
the perturbation velocities and aerofoil coordinates in thickness direction. When this would appear to 
lead to useful results it might be considered desirable to extend the approach to three-dimensional flow. 
This would be far more attractive then the use of semi-empirical corrections for compressibility effects 
that has been mentioned above. 

There also exist methods in which choices are made of terms in the right hand side of eq. (1) in 
such a way that optimum results can be expected for certain cases. These lead to small perturbation 
equations in which all terms are «aken into account that for the cases under consideration can be expected 
tn be of the sa s order of magnitude. For three-dimensional wings with sweep angles larger than about 15 
and local supersonic flow regions it however appears that in principle U.1 terms in eq. (1) have to be 
taken into acco"nt. Methods to solve eq. (1) do not exist yet for three-dimensional wings. 

General methods to determine these solutions up to now only exist for plane flows. 
One way to obtain full solutions of eq. (1) for plane flows is that via the hodograph trans- 

formation that can be applied as an inverse method to determine aerofoil shapes with shock free transonic 
flow at the design condition. Another way it  application of finite difference techniques. It has appeared 
that it is possible then to calculate details of flows with shocks. 

2.2 Simplifications of the boundary condition. 

When the potential equation is linearized foi- M— / 0 it is consistent also to linearize the 
boundary condition. This can lead to less analytical work in the development of the calculation methods 
and less computational work for the applications. When the surface of the wing is described by an equation 
of the form g(x,y,z)"0, the boundary condition eq. (2) can be writtsn: 

19 J 

This equation has to be satisfied on the surface. How the wing dimensions are such that jpSo. Further it 
is possible to neglect i-jj? in comparison with U^ as has been done already in the derivation of the Göthert 
rule in section 2.1. 
Whe.» fjp is developed in powers of z and when all terms after the first are neglected, the boundary conditic 
eq. (9/ reduces to: 

~<>v ~\ 
ST lx»*»°) 

~3i 

~^g    ~ dx 
ft »">« 

(10) 
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It can be said that in eq. (10) the boundary condition -s applied in the plane of the wing (upper and lower 
side). It will be clear that eq. (10) cannot be applied to fuselages. For those shapes i& cs-not be 
neglected and near the axis the development of |-j in power series is not possible.    "•' 

Apart from eq. (10) a number of other simplifications of the boundary condition eq. (9) are used 
lc various calculation methods. One of these is the application of the correct condition in the chordal 
plane. This for instance simplifies the construction of the network ir. finite difference methods. Further 
a second order boundary condition with respect to wing coordinates and perturbation velocities is used in 
the second order theory of Gretler of which some results will be discussed in the following. 

3. THE APPLICABILITY OF VARIOUS METHODS FOR SÜBCRITICAL FLOW. 

3.1 Linearized lifting surface theoi^. 

Linearization of the potential equs'.ion and the boundary condition leads to linearized lifting 
surface theory when also thickness effects are neglected. This theory is still being treated by a large 
number of people. Application of fast computers has stimulated recent developments that have increased the 
flexibility of the linearized lifting surfac- methods with regard to the shape of the wing planform. In 
some cases it has been made possible ?1»o .o treat combinations of lifting surfaces as wing a'"\ tail. 
Most methods by which the load distribution on wings according to linearized lifting surface thtory can be 
determined lead to an integral equation for the load distribution/^Cp(x,y): 

dz 
|£p_ 
dx A 

wing 
platform S 

Cp(x',jr') K (x,y,x',y') dS (11) 

Mathematically one of the main problems is that the kerr.el functron K is highly singular. Two numerijal 
approaches to solve eq. (11) can be distinguished roughly: the loading function method (LoFuMe) and the 
loading element method (LoElMe). 

In the LoFuMe the load distribution is represented by series appropriate functions of which the 
coefficients are determined by fulfilling eq. (11) in a number of selected collocation points. 
The distribution of these points on the wing plan fovm is optimized mathematically in relation to the 
character of the functions chosen. The Katta cor:diti.;n is introduced by choosing tr« I -~ii:j f-mctions ir. 
such a way thatiCp^O at the trailing edge •"" tr ;y:$. 

The LoElMe is based on the assumption thfct a wing plan forn can be devided into a nuuibej- or panels 
at ei.ch of which the loading is a prescribed simple function of the x and y coordinates. The magnitude of 
the lV .ction is determined by fulfilling eq. (11) in a collocation point in each element. This can be done 
in such a way that it appears that the flow automatically fulfi1"? the Kutta condition at the trailing 
edge. 

In fig. 3 below the principles of both methods, are illustrated. In ref. 2 numerical details of 
examples of both methods are described by lAbrujere (IJLR). The LoFuMe in ref. 2 is that of Zar.dbergen 
(NLR ref. 3) for which it is required that the win? plan form has edges with a continuous radius of 
curvature. For wings with kinks in the leading edge rr trailing edge a procedure for rounding off the 
kinks is presented in ref. 3< Increase of accuracy of the solution requires increase of the number of 
terms in the series of loading functions and consequently increase of the system of linear equations that 
must be solved. 

LOADING LOADING 

COLLOCATION POINTS 

representation of load distribution 
by means of loading functions 
(LoFuMe) 

b. representation of load distribution 
by piece-wise constant functi ,ns 
(LoElMe) 

fig. 3 

Solution of the integral equation of linearized lifting surface theory by prescribing the 
flow direction parallel to the wing surface in a limited nucber of collocation points. 
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3eoause the functions used for the series representation of^C™ fora a complete system, any solution of 
the integral equa-.ion can be approximated aa accurately as desired m this way. The accuracy of the method 
has beer, demonstrated amongst others by application to a circular wing for which exact results of linearized 
lifting surface theory have been determined by Van Spiegel ("LH ref. 4). ä demonstration of this type 
however does not lead to an appraisal of the method in view of the use in the design process indicated in 
fig. 1. For this at least comparison with experimental results is required also. Some interesting 
information concerning this can be found in ref. 5 (Qarnar, RJE) as part of an analysis of the applicability 
of a lifting surface theory that is the result of combining the linearized lifting surface theory of »ef- 3 
with results of second order theory for plane flows around aerofoils. Ir. fig. 4 below for spanwise station 
7»0.3c3 of two wings the chordwise loading, in terms of the local lift coefficient Grr, according to 
linearized lifting surface theory is compared with experimental results, it the left hand side of fig. 4 
results are presented for a wing with tjjl thick RAE 101 section in the direction of the undisturbed flow. 
it the right hand side results for a similar wing with a 5 ]8 thick RiE 101 section are presented. 

fig. 4 

Chordwise loading at 7« 0.383 aa fractions of local lift (Garner ref. 5)- 

The results in fig. 4 illustrate the type of discrepancies between results cf linearized lifting 
surface theory and experimental results for wings with finite thickness and blunt leading edge. In the 

I.e. 
theory the first of the loading functions is such that near the leading edgeAx,» 1      where 1 

the local x-coordmate of the leading edge. This singularity represents correctly the behaviour of plane 
potential flow around a sharp leading edge. Ir. the experiments use is aade of a wing with a blunt leading 
eCge on which the loading remains finite. Further thickness-lift interaction effects ere present in the 
experiment because the wing has finite thickness. As a result the leading in the experiment is larger up- 
stream of the point of maximum thickness cf the aerofoil and is smaller downstream of this point in 
comparison with linearized theory. 

In total, the lift is underestimated by linearized theory in comparison with full potential 
theory. Ir. cjmpexisor. with experimental results differences are smaller as a result of the fact that in 
the experiments the boundary layer effects causa a loss in lift. 

The thickness-lift Indirection varies in spar.wi3e direction for a wing as shown in fig. <S. This 
only can be studied by comparison of results of linearized theory with results from theories that '.ake 
into account the boundary conditions better. The variation of boundary layer effects in spanwise direction 
in the experiments obscure the variation of thickness-lift interaction effects in the comparison of 
experimental results with results of linearized lifting surface theory. In ref. 5 some information is 
presented with regard to an estimation of thickness-lift interaction as a function cf spanwise position 
for the wing of fig. i. 

It should be mentioned that especially for wings as 3hown in fig. 4 in the experiment, for angles 
of attack larger than about 5 • non-linear effects are introduced in the tip region by a leading edge 



  '•■-"■ 

6-8 

vortex. In the present paper no methods will be discussed that contain a mechanism that represents these 
vortices.  Nevertheless it  is useful to look at the predicted and measured local lift coefficients for 
different  spar.-.-ise  locations and the variation of the position of the aerodynamic centre in spanwise 
direction.  The nair. reason to do this for this wing is that very accurate experimental results are 
available that ore  obtained with a large number of pressure measuring points on the wing model. This 
causes errors in the integrated values of local pitching moment and local lift coefficient to be smaller 
than in moart  cues  where experimental results are taken from models that have been used in an actual 
design process. In  fig. 5 the results are presented for the spanwise lift distribution and position of 
the aerodynamic centre. 

3.2 
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fig- 5 

Calculated and neaeured spanwiae distributions of lift slope and aerodynamic centre. 
(ref.  5) 

In fig. 6 some results are presented that were obtained many years ago at NLR.  It concerns the 
comparison of calculated load distributions from the LoTuMe with experimental distributions for a wing of 
a wing-body combination with and without nacelles mounted at the fuselage downstream of the wing.  In the 
calculation the bodyaide was treated as a reflection plane. To represent the effect of the nacelles in a 
simple way use wae made of the poasibility to add solutions of the linearized potential equation.  One of 
these sclirtions is that of the source flow.  In the calculation the nacelle was represented by a single 
source above and downstream of the wing. This generates a streamline bodv that extends in downstream 
direction to  infinity- In view of this tie source can be regarded to repaesent the displacement effect of 
the nacelle together  with its wake in the experiment. The source generates perturbation velocities in 
vertical direction at  the projection plane of the wing, equal toSrsource . 

22 

asm 
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Sow for the determination of the load distribution Ac« with eq. (11) the value rsouree ls added to the 
angle of attack and camber effect in the left hand side of this equation. 
Results for the configuration with and without nacelles are presented in fig. 6. For the sake of complete- 
ness in fig. 6b also the effect of the nacelles on the lift distribution is given as it follows from the 
calculation. 

It will be clear that the applicability of the «sumption that the fuselage side acts as a 
reflection plane strongly depends on the angle of attack of the configuration and the vertical position of 
the wing with respect to the fuselage. For the low wing configuration of fig. 6  the angle of attack induced 
by the fuselage near the wing root is snail so that the effect of the fuselage is represented rather good 
by the reflection plane, also when the angle of attack at the fuselage differs from zero- 

fig. 6 

Calculated and measured lift distribution or. wing-body combination with and without 
nacelle. 

To introduce the loaaing element method (LoElMe) it can be mentioned that it is possible to ob- 
tain solutions of potential flows that are determined by the linear eq. (4)1 by adding elementary 
solutions of this equation, in elementary solution is a source layer that introduces a jump in normal 
derivative of the potential across the layer that is proportional to the source strength. Other elementary 
solutions are a doublet layer that introduces a jump in potential that is proportional to the doublet 
strength and a vortex layer that introduces a jump in the tangential derivative of the potential across 
the layer that is proportional to the vortex strength. Instead of continuous distributions also discrete 
sources, doublets and vortex lines can be used in approximate discretisations of the continuous distributions. 
It is attractive to look at the LoElMe and the panel methods to be discussed later as being based on the 
application of distributions of singularities in continuous or discrete form. 

In linearized lifting surface theory the lift is induced by a pressure jumpACp across the 
projection S of the wing on a plane tangential to H.. This pressure jump is due to a discontinuity in the 
tangential velocity across the plane. This discontinuity can be represented by a doublet distribution 
with their axis normal to the plane. However, in a velocity potential solution the pressure jump is related 
to the first derivative of the doublet strength. In view of this it 1« convenient to reprere.it the pressure 
jump by means of a vortex distribution of which the strength is directly related to the pressure jump. 

Quite different from the LoFuHe the LoElMe leaves a large number of freedoms to the user. He can 
choose vorticity distribution and collocation ncints in ^n easy way. In view of this a moro detailed 
discussion of the LoElMe seems to be useful within the scope of the present paper. 

The loading slement method that will be described is baaed or. the idea of Falkner (1943) to use 
discrete vortex lines (instead of continuous vortex layers) for the representation of the effect of a wi.-.g 
according to linearised theory. This method is formulated in view of automatic computation by Hedasv. (FFA, 
ref. 6). It is assumed that the main behaviour of the load distribution in chordwise direction over the 
main part of the wing is siailar to that in plane flow around an infinitely thin aerofoil. 

The vorticity vector ^ in the vortex sheet on the projection of the wing planfora in the (x,y)- 
plane is defined as the vector product of the unit vector normal to the (x,y)-plane a.-.j. the difference 
vector of the velocities just above and below the sheet. The components of this vector car. oe expressed as: 

r, • <&+ - if (12) 

i. 
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Here the + sign refer» to tile side of the (.i,y/-plane with positive values of the z-coordinate. 
lie - sign refers to the other side of the (z,y)-plane. Heimholt*' law says that lines of constant 
vorticity in potential flow form closed contours. When the vortex system is such that at the wing trailing 
edge the Kutta condition is fulfilled, a sheet of vortices leaves the trailing edge in downstream direction 
as a consequence of this law. Because the pressure jump across the wake sheet has to be zero the vortex 
lines in principle have to be aligned with streamlines. To simplify the mathematical model in first 
instance straight lines are taken such that k  *0 at the sheet and consequently fct  only varies with y a' 
the sheet. To avoid also that both ^ and j^ nave to be determined in the plane of the wing the direction 
of the vortices in the plane of the wing also is chosen a priori. A vortex system that has proved to be 
highly successful is presented in fig. 7 below. It is based on a division of the wing plar form in chord- 
wise strips, eaci divided in quadrilateral panels that in the limit can become triangularly shaped. 

WING PANEL 

HORSE-SHOE 
VORTEX 

COLLOCATION 
POINT 

fig. 7 

The horse shoe vortex, panel and collocation point arrangement in the LoElMe. 

The influence of each vortex element on the tjr can be determined in each point of the wing plan 
form at BOB* distance from the vortex elements by the Biot-Savart law. In the LoElMe the unknown vorticity 
straights are determined by application of the boundary condition eq. (10) in a collocation point in each 
panel. Fro« an analysis of James (Douglas, ref. 7) and of ref. 2 it can be concluded that probably an 
optimum descretisation is obtained with panels of equal chord for each spanwise position and in each panel 
a vortex line at i  of the panel chord and a collocation point at J of thischoid in the middle in spanwise 
direction. 

Prom the description of the method it will be clear that the quality of the LoElMe Solution of 
linearized lifting surface theory strongly depends on the choice of the panel distribution. This has to be 
done in such a way that the vortex direction that is connected with this choice deviates as less as 
possible from the direction that would be the result of a proper solution of the problem without an a 
priori choice of that direction. In relation to this in ref. 2  it has been shown that for the circular 
wing with the LoElMe that is described, the proper solution for lift and pitching moment cannot be obtained. 
The LoElMe can be regarded to be less suited for application to planforms with strongly curved edges. 
Because results of linearized lifting surface theory already have been compared with experimental results 
in this section an appraisal of the LoElNe is possible by a comparison with the LoFuMe with regard to the 
possibility to reach the correct solution of linearized theory with increasing number of collocation points. 
A result sf this comparison is presented in fig. 8 together with an indication of relative computing time 
needed. It can be mentioned that the CDC 3300 by which the results have been obtained is a batch processing 
computer. The wall clock time needed for the calculations on this computer is about 10 times longer than 
the amount of system seconds needed on a CDC 6600 multiprocessing computer. 
The term C^(Correc^ in fig. 8 needs some clarification. For the various planforms that are indicated in the 
figure the definition is different: For the circular wing CLcorj-^ot *"*fers to the results of Van Spiegel 
(ref. 4)) for the rectangular wing it l« the result of the LoFuMe with a number of collocation points for 
which a full solution can be expected. For the swept wing the results of the LoFuKe are influenced by the 
rounding uff of the centre line kink. This rounding off becomes smaller with increasing number of spanwise 
collocation points. It cannot be expected in principle that with the LoFuKe "exact" results can be obtained 

for this case. Or. the other hand it cannot be predicted for what panel distribution an 
exact solution of the theory is obtained with the LoElMe for a swept wing. For the swept wing CLcorrect in 

«Mm* — "- H»  .  
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f'g. 8 

The influence of the number of collocation points in the LoElMe and the IoFuMe on the 
accuracy of the solution and the ctaputing time (Labrujere ref. 2). 

fig. 8 refers to the value that results from extrapolation of the results of both methods. 
It is relatively easy to organise the computer programme for application of the LoElMe in such a 

way that the flexibility of the method can be used to determine the load on a combination of wings such as 
wing and horizontal tail plane. The value of these solutions however is limited because no fuselage effect 
can be taken into account and in the method as such no allowance is mad» for the displacement of the wake 
or the wing that for many configurations influences the load on the tail downstream. At several places 
calculation methods are being developed by which it is possible to determine the deformation of the vortex 
sheet such that the vorticity vector is aligned with the local velocity vector. Mostly the methods are 
based on an iterative procedure In which in each step a new shape of the discrete vortices is determined. 
Although in sour, cases it appears to be possible to obtain  satisfactory agreement between experimental 
and numerical results as in ref. 8 (Labrujere and De Vries, MLR) the methods cannot be considered as 
standard design tools yet. For wings at moderate angle of attack and without deflected flaps the effect of 
the wake displacement on the wing loading is small. 

One other aspect of the applicability of the LoElMe is worthwile to be mentioned. This concerns 
cases \n which the slope of the thin-wing surface contains a discontinuity srvoh as occurs at the hinge 
line of deflected central surfaces. Because limitations of the number of elements to describe the surface 
is de8i'-..ble ir. view of computation time, it seems attractive to use for this problem a non-equidis. x~,t 
element distribution. A large density of panels then is applied near the hinge line where maximum gradients 
inACp ma be expected. These thoughts have been the basis of the results of the LoElMe that are presented 
ir. fig. 9a for a flat plate at angle of attack o/.lrad. in plane flow. For this case the results of the 
LoElMe can be compared with an exact loading distribution that is for this case 

1- Mle\* 

AZp  -4«| lle 

The The LoElMe has been applied with a non-equidistant element distribution that is indicated in fig. 9a 
results that have been obtained from unpublished work at NLR (Bennekers and Roos) show a peculiar 
oscillation near ***le - 0.625 where the minimum panel width is chosen. From this it can be concluded that 

c 
it is better to avoid non-equidistant elements. For a flat plate the loading element method gives exact 
results with 32 equidistant elements. 

It is possible to obtain exact results for a flat plate with deflected fl»p in incompressible flow 
by means of the steady limiting case of the method presented by Zwaan (SLR, ref. 9). In this method a 
version of the LoFuMe is described that is based on expansion techniques to represent the behaviour of the 
flow near the hinge axis. In fig. 9b results of the LoElMe are compared with exact results of the LoFuMe 
for this case. It appears that by means of the LoElMe in a simple way results can be obtained that are 
comparable with results of the LoFuMe that is based or. much more analytical work. This is also the case 
for three-dimensional flow. 

The importance of the Unearned lifting surface theory at the moment is larger for the study of 
unsteady flow phenomena generated by deformation of structures and oscillating control surfaces, than !or 
steady flows. An exception is formed by the inverse version of the LoElMe that is being used frequently tc 
generate part of the input of the design process m fig. 1. This concerns the camber surface when the 
designer has specific ideas about the required load distribution on a configuration or en a part of it. 
Ir. those cases nowever mostly also a version of a direct method is applied by which it is possible to 
calculate details of the pressure distribution or. thick wings. In those case3 the inverse LoElMe and the 
direct method are U3ed alternately to generate the camber surface m an iterative way. 
The semi-empirical direct method that is described in section 3.4 is adequate for this type of design 
procedure. For a better understanding of the need to make use of such a semi-empirical method first two 
methods with a more r.gorous aathematical basis will be described. 

■»«■VMiin—■■■■!■ ! ■fl «a» 
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fig.  9 

Comparison of loading distribution obtained with the LoElMe and the LoPuMe for plane 
flow. 

3-2 Linearized potential equation and exact boundary conditions. 

It has been shown by Zandbergen (unpublished SLR work, 1968) that solutions of the linear eq. (3) 
c»n r: obtained for the exact boJndary condition eq. (2) making use of distributions of singularities. The 
co» jivter programme for this solution is presented in ref. 10 (Labrujere and Schipholt, KLR) for plane flow. 
Tb , work formed part of onentativi» investigations within the scheme of the development of a «.c-M.-empirical 
r .'thod at NLR. The approach is based on the transformation of eq. (3) into eq. (4). Different frow wnat has 
been described in section 2.1 however now also the boundary condition is transformed correctly to g:ve: 

4*1 
dx' surface 

(1 
2,^£l 

ax' 

(13) 

with the total potential 

<p   -V^x + f (14) 
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When this is written as a relation between the tangential and normal derivative of <p  along the contour of 
the transformed aerofoil: 

3S- 
M2ä£ 
*<*  dx 2 'dJ 

(15) 

: 

The sign convention is given in scetch a,below. 

It can be seen that in the transformed f low the 
aerofoil is not a streamline c-urve. Now a 
distribution of vortices and : -trees is applied 
along the contour. 

7) l» I 
then according to Green's theorem alsorr 

at 

X.X 

sketch a 

Sign convention. 

The vortices cause a jump in ^r across the contour and the sources cause a jump in =j£. across the contour, 
both proportional to the local singularity strength. 
Now for the singularity distribution no unique solution car be found without an additional requirement. 
When it is chosen that on the inner side of the contour    1>v\. -0 

-yj; (inner 

,.   «°   (rrf.11) Bide 

I inner 
side 

As a consequence the normal and tangential derivative of <f>  at the outer side of the contour are directly 
related to the local source and vorticity strength respectively. Substitution in the boundary condition 
e<J. (15) gives the relation between vorticity and source strength. When this is substituted in the integral 
equation that represents^*H  »0    as a function of thu undisturbed flow ,  the vorticity distribution 

^"linner 
side 

and the source distribution, then an integral equation is obtained from which the vorticity distribution 
can be calculated. To evaluate the integral equation for the vorticity numerically, the contour is re- 
presented by a number of straight line segments. On each a vorticity is assumed that varies linearly along 
the segment. By satisfying the integral equation at the mid points of the segments and requiring that the 
vorticity at the upper side of the trailing edge point is equal and opposite to that at the lower 3ide 
(Kutta condition), just as many equations are obtained as unknown vorticity strengths are introduced. The 
form in which the Kutta condition is applied guarantees a system of linear equatiors that car. be solved 
by standard teoniques. Pull details of the method can be found in ref. 10. The pressure coefficient is 
obtained by the two-dimensional limiting case of eq. (8). 

A comparison of the exact solution of the linearized potential equation with exact solutions of 
the full potential equations gives some insight in the applicability of the linearized equation. It will 
be clear that for this comparison enough segments must be chosen to represent the contour, to make sure 
that the numerical approximation of the solution does not cause discrepancies from the ideal result. The 
possibility to do this has been demonstrated in ref. 10. The exact solutions of the full potential 
equation have been obtained by means of a hodograph method of Nieiwland (ref. 31). Attention to this 
method will be paid in section 4.1 of the present paper. In fig. 10 the result for the linearized potential 
equation has been compared with an exact result for a relatively simple aerofoil. To give much information 
about the comparison in the nose region the result has been plotted as a function 'f\j^üe 

From fig. 10 it can become clear that in the nose region the results for the linearized potential equation 
differ from exact results for eq. (1). Also the minimum pressure is not represented well by eq. (3) for 
this case that is just subcritical. This makes that the linearized potential equation as such is not 
suitable as a basis for calculation methods for flows where the local speed approaches the speed of sound. 

The aerofoil section of fig. 10 generates a smooth acceleration of the flow from the stagnation 
point. Even in that case relative large errors are caused by linearization of the potential equation near 
the nose. When rapid changes in the pressure distribution are present, the results obtained for the 
linearized equation are much worse. From the type of result that is presented in fig. 10 the conclusion 
has been drawn at NLH that to calculate high subsor..." flows around wings it is not useful to try to obtain 
exact results of the linearized potential equation. 

■MMS 
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fig.   10 

Exact results for the linearized potential equation (eq.(3) ) in comparison with exact 
results for the full potential equation (eq.(l) ). 

3.3 Second order approximation of the potential equation and the boundary condition. 

In ref. 13 Gretler has presented an interesting solution of the problem to calculate for plane 
flow the compressible pressure di.. eribution on the surface of an aerofoil up to second order accuracy with 
respect to the boundary condition as well as the potential equation. He has reduced the problem to the 
calculation of simple integrals that only depend on the »erofoil coordinates. Moreover he has given a 
simple correction that renders the solution "uniformly valia" up to second order near a blunt leading edge. 
An appraisal of the result is considered useful because it might show that it is worthwhile to develop 
second order theories for three-dimensional wings to obtain methods for the calculation of compressible 
pressure distributions. 

Gretler has introduced camber zc and thickness z^ of an aerofoil with z-coordinate z according 
to Zp»z +z. , all in parts of the aerofoil chord. His formula for the velocity V along the contour is: 



Wg*'W?^^*'^T'W^ *»!^q*?'.-r- .       '  

V 1 

dz 

dz 

7" '7 ,^«> Jw-^tw^iJ^U.w 
1 ->c w» 

+ J^0+iii!^)u(o)2t 

2 9 
dz     / . , .2    d» 
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The pressure coefficient again is obtained by eq. (8). 
At some distance from the leading edge where "Ä is very soall eq. (16) reduces to: dx 
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dz 
For the nose region of blunt aerofoils where -r£ differs much from zero the multiplicative correction 

and the additive correction 

2 ,  - , M 2 „2   u«(0) +(7^) 

ttf)     1-(l-«„ 
1-K. 

dz 
1-*~    1 + (i-0(s*) 

are the simple corrections by wiien the second order theory is rendered uniformly valid. 
For a number of symmetrical aerofoils results of eq. (16) have been compared with exact i vaults 

from hodograph theory (section 4-1) for compressible flow and for incompressible flow with exact results 
from the panel method that will be described in section 3>4. The numerical evaluation of eq. (16) that has 
been used is described in ref. 14 (Baurdoux and Schipholt, Km). 
For comparison also results of the uniformly valid first order theory are presented in tie figures below. 
The aerofoil of fig. 11 is the same as that of fig. 10. 
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fig. 11 

Pressure distribution for a symmetrical aerofoil with nearly elliptical roM shape. 
(17 % thick section KLR 0.0925 - 0.75 - °-95) 

By comparison of the results in fig. 10 and the r.ght hand side of fig. 11 it can be seen that for 
the concerning aerofoil errors in the minimum pressure are about the same for the first order theory and 
for the full solution of the linearized potential equation. I., the area where the surface slope is small 
both solutions also should be about equal. Near the nose the errors of both approximations have opposite 
sign. Especially for the compressible flow second order theory gives much better results than first order 
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theory for this aerofoil with nearly elliptical nose shape. The discrepancy of the aerofoil shape fron an 
elliptical shape is represented by the parameter h in the figure that is equal to the difference between 
the slope of the aerofoil contour and the slope of the contour of an ellips with the same nose radius and 
the same distance between the leading edge and the maximum thickness as the aerofoil. 

In fig. 12 and fig. 13 similar resul*- are presented for aerofoils with non-elliptical nose shapes. 

fig. 12 

Pressure distribution for a symmetrical aerofo.l with non-elliptical nose shape. 
(12.5 i thick section NLH 0.10 - 0.75 - 1-25) 

Prom fig. 12 and fig. 13 it becomes clear that when lerge discrepancies between the exact pressure 
distribution and the uniformly valid first order results exist that also second order theory does not give 
good results. It appears that many aerofoils on which supersonic flow regions car. be present without shoc.cs 
have nose shapes that strongly differ from elliptic shapes. The advantages of application of those aero- 
foils are illustrated in fig. 14. 

When local supersonic flow regions can occur without an increase of drag due to Shockwaves, then either 
the flight Mach nunbär or the lift or the aerofoil thickness can be larger before the transonic dragrise 
diminishes the efficiency, then for aerofoils where Shockwaves appear together with supersonic regions. 
This makes it desirable to find calculation methods that also for this clnss of arrofcils give good results 
at high subsonic 3pe«ds. None of the methods discussed above meets the needs of t .e designer in this 
respect. 

Fron the results presented the conclusion can be drawn that the only way seems to be to solve the 
non-linear potential equation eq. (1). However a disadvantage of this non-linear equation is that no use 
can be made of the superposition principle that forms the basis of the application of singularity 
distributions.3y means of this the dimension of the problem can be reduced by  one because the solution can 
be formulated In such a way that only unknowns at the surface of the wing play a role. This is the reason 
that in the next section attention \s paid to a semi-empirical method that is based or. a solution of the 
linear potential equation again but in which non-linear compressibility effects are introduced afterwards 
in th? form of a 35thert-type transformation with factors that depend on the local flow conditions. 
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Pressure distributor, for a symmetrical aerofoil with non-elli'rtical nose shape. 
(13 % thick SLR CO;* - 0.75 - M) 
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3.4 Exact representation of the boundary condition in incompressible flow and semi-empirical compressibility 
corrections. 

Eq. (16), the second order result of Gretler, can be interpreted as a result for incompressible 
flow with compressibility corrections (the terms that depend on By. also from a comparison of the results 
in the figures 12 and 13 it appears that errors in the second order theory increase with Mach number. From 
these observations may be concluded that perhaps a simple calculation method for high subsonic Mach numbers 
can be based on a combination of accurate results for incompressible flow with the proper compressibility 
corrections. 

When a sufficient large and fast computer is available it is relatively easy to make use of 
singularity distributions to construct solutions of the linear potential equation for incompressible flow 
eq. (4) that fulfil the boundary condition eq. (2) at the surface of the wing and that induce a potential 
jump 4/aoross the wake sheet in the lifting case. This has been shown first by A.M.O. Smith (ref. 15i 
Douglas) and later by the authors of ref. 16 (Boeing) who extended the approach to lifting configurations. 
With the help of fundamental features of potential theory (e.g. ref. 11) it can be shown that a solution 
can be constructed by a source distribution on the surface and a dcublet distribution on the wake surface. 
The strength of the distribution is determined by the requirement that at the trailing edge the velocity 
is finite and that everywhere the flow is tangential to the surface oi the wing. Tc l'ind these solutions 
a discretization i3 used in ref. 15 and ref. 16. 

It is issumed that the surface of the wing is described by a set of discrete points. The surface 
then is approximated by quadrilateral panels obtained by connecting the points by straight line segments. 
It is assumed that the surface of the wing is described by the points in such a way that the panels form 
chord wise strips bounded by curves y ■ constant. On each panel a source distribution with constant 
density is chosen. The wake is rspresented by strips extending to infinity downstream. The edges of the 
str:ps are chosen on curves y o constant and for these y values the same are chosen as that are used for 
the panelling of the wing surface. At each strip on the wake surface the doublet strength is constant. 
The effect of the doublet strips can be represented by a vortex of constant strength at the edges. At the 
edges the induced velocity is infinite. Because the ui.dtream edge coincides with the wing trailing edge, 
this makes it not possible numei-ically to apply the Kvtta condition. For this reason the doublet strips in 
ref. 16 are extended inside the wing on the camber surface. This is being done in such a way that the 
distribution of the doublet strength, that is specified a jT\ori, can be represented by a set of discrete 
vortices in spanwise direction in each strip. The strength oi the singularity distributions is determined 
by solving the set of linear equations that is found when for each surface panel it is required that at 
the centroid of the panel the normal component of the velocity that is induced by all singularities (horse 
shoe vortices and source distributions) is equal and opposite to the normal component of the undisturbed 
velocity. Further it is required that on each strip of the wake in a point midway between the edges and 
at a small distance downstream of the trailing edge, the flow is tangential to the bisector of the local 
trailing edge angle. The vertical position of the wake is chosen a priori (see sketch b below). 

CENTROID POINT FOR 
BOUNDARY CONDITION 

\ 

sketch b 

Chordwise strip with hor3e-shoe vortex syaiem and surface pane's. 

The character of the singularities and the boundary condition is such that with some care the 
solutio . of the system of equations car. be determined iteratively. This is explained in full detail by 
Bleekrode in ref. 2 for the N1R panel method presented in ref. 17- The computer time required to solve a 
system of linear equations is proportional to the square of the nunber of unknowns wi'en the solution is 
determined iteratively. This time is proportional to the third power of the number oi   unknowns when the 
system is solved directly. This explains the comparison in fig. 15 of cei.trai processor time for the 
solution of the flow problem b; leans of the singularity distribu;ions. 

It will be clear from the description above that a number of choices has to be made when the 
panel method is applied. 
These concern: 
- the panel distribution on the wing surface 
- the vortex distribution on the camber sur ace, as well   the position as the variation of strength 
- the Kutta point 

k^. "■"—   ■ 
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fig. 15 

Comparison of the central processor times on a CDC 6600 computer of the vertex-source 
method for a direct and iterative method of solution. 

Up to now no theoretical background is formulated on which these choices can be based. 
In practice numerical experiments and comparison of solutions with results from other methods for specific 
cases are used to obtain some insight in the behaviour of the solution as a function of the choices. 

Because in the method no restrictions are present with regard to the relative dimensions of the 
surface on which the boundary condition is applied, the method is very well suited for wing-body 
combinations. Only in that case one of the shortcomings of potential theory becomes apparent, namely the 
assumption of non-viscous ."low. As a result circulation cannot be predicted without an additional condition. 
For bodies with sharp edges *uch as wings the Kutta condition serves to take into account the main effect 
of viscosity. At the Reynolds number of tunnel experiments and in free flight however also vorticity is 
shed from fuselages. In the calculation method an arbitrary choice has to be made with respect to the 
circulation around the fuselage. 

In ref. 18 (Kramer, IfLR) some res.  3 are presented from on  analysis of the behaviour of the 
solution of the Neumamproblem by means of the pauNl method. In the analysis results of the panel rne+hod 
are compared with analytical results for a vortex-cy''inder combination. The axis of the cylinder is 
parallel to the undisturbed flow direction. The VTLCX is perpendicular to this direction. Vortex length 
and cylinder length are infinite. In the numerical calculations the length of vortex and cylinder has beer, 
chosen very large in comparison with the diameter of the cylinder. Just as in the LoEIHe irregularities 
in the panel distribution cause disturbances in the olution according to ref. 18. This means that when 
the panel method is applied a compromise must be found between accuracy and number of panels also with 
regard to local refinement of panel distribution in regions with large gradients in flow quantities. When 
panel densities change it is essential to choose panels in the right direction instead of "sealing" gaps 
in the description of the body by means of the panels. 

For the two-dimensional limiting case it is possible to compare results of the panel method with 
results of analytical methods such as based on transformation techniques. From thesa comparisons the user 
has to develop a "feeling" with regard to panel distributions, number of panels depending on aerofoil 
characteristics and the relation of the position of panel edges on the surface aid the location of the 
vortex linba on the camber. In general best results are obtained when the vortex lines on the camber 
surface and the panel edges on upper and lower side of the wing for comparable chordwise positions are 
chosen in one plane that is more or less vertical. Also the distribution of the vortex strength in chord- 
wise direction is a parameter that has to be chosen carefully as a function of the aerofoil characteristics 
such as cambe.- and thickness distribution. The vortex distribution must be such that near the wing leading 
edge and trailing ^dge, vortices do not come to close to the wing surface. For wings about 50 to 60 panels 
in chordwise direction and 10 to 15 strips on the half span is mostly sufficient to obtain accurate 
pressure distributions. Making use of the symmetry of the wing flow this means that 500 to 1000 equations 
must be solved. 

For application of panel methods on a routine bajis it is esrantial to make use of computer 
programs for panel generation. In general these must contain surface fitting routines to inttr;x)lat£ 
available coordinates of the surface. The ideal situation of course _s that the designer makes use of ana- 
lytical surfaces from which the input for the calculation es well as for the workshop that has to manu- 
facture wind-tunnel models can be derived directly. 

In ref. 19 (Mangier and Smith, RAE) the theoretical background car. be found with regard to the 
direction in which the vortex sheet leaves the trailing edge. From this it appears that the wake leaves 
the trailing edge either in the direction of the tangent of the upper surface or of the tangent of the 
lower surface. This depends on the sign of the shed vorticity and on whether the mean flow is directed 
inboard or outboard. An intermediate direction of the wake at the trailing edge is possible exceptionally. 
For the numerical calculation this result does not mean very much, because it is not possible to apply the 

MM 
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Kutta condition just at the trailing edge point for numerical reasons. But at least the boundaries can be 
used in practice. In ref. 2 >oe results,obtained at XIÜ, are presented by Labrujire with regard to the 
variation of sectional lift AS a function of the position of the point where the Kutta condition is 
applied and the direction that is required. The main conclusion is that it is very likely that the 
prescription of the velocity parallel to the trailing edge bisector will give a result that is only 0,5 % 
in error if the distance of the Kutta point downstream of the trailing is 10"? in parts of the local wing 
chord. 

Based on a solution for incompressible f?ow it is possible to find solutionsfor compressible flow. 
In the first place this can be done along the lines of the GSthert rule described in section 2.1. This 
gives an approximation of a solution of the linearized potential equation. It has been demonstrated however 
above that when the local Nach number approaches unity even the exact solution of the linearized potential 
equation is not very good in comparison with exact results of potential theory. Because also second order 
solutions as those of Qretler do not give useful results for aerofoils with non-elliptic nose shapes, at HLR 
semi-empirical compressibility corrections were developed. These have proved to make it possible to obtain 
useful predictions of high subsonic flow only at the cost of solving the Heumannproblem for incompressible 
flow by means of the panel method. A description of the compressibility corrections can be found in ref. 17- 

In principle the semi-empirical method of ref. 17 is baaed on an analysis of plane flow Based on 
the result of second order theory it is assumed that for plane incompressible flow the velocity^. along 
the surface of an aerofoil can be written as 

Q|- 
1+U. 

-2-. 
(17) 

In this expression the factor 
dz 2 

vdx ' is the socalled Siegels factor that also can be found back in the 

result of Sretlev ir. eq. (16) and that is the principal correction to render the second order theory 
uniformly valid for blunt leading edges, u. is the perturbation velocity in incompressible flow. When the 
third order solution of Imai in ref. 20 is written in the appropriate form for the velocity at the crest 
of an ellips in compressible flew (where zp_ Q)  then 

dx 

B2> 

(18) 

with 

"2D 1 - M J 1 ♦ X 1 a,c ^♦^V* 

u   in eq. (19) is the perturbation velocity at the crest on the analogous ellips in incompressible flow, a, c 
As in the SSthert rule thejnalpgoua ellips is obtained from the original one by shrinking the thickness 
coordinate by the factorVl-*^ • X., *3dX2 *" functions o: «Ä unly (see ref. 17). 
When Bjj) is used as a general coEpressibility correction by which the per-urbation velocity in analogous 
incompressible flow can be corrected,then for an aerofoil can be written in first instance 

Q 
ds 

i + 

"2D 

(20) 

It is known from experiences with the semi-empirical RAE standard method based or. second order approxi- 
mations for -a (ref. 21), that better results Are obtained when also in the Riegels factor a compressibility 
correction is introduced in such a way that: 

n. 1 ♦ 
2D 

(21) 

When first or second order theory give appropriate results for mcompres 
good approxieatior. for the concerning aerofoil shape for compressible fl 
second or->r result for u. :r. »q. (2''). In other cases -i^ car. be obtair.» 
stitution of the exact velocit;'i5, along the surface of the analogous sr. 
exact velocity along the surface is obtained by the par.e.1 method that is 
Frca eq. (17): 
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This can be substituted in eq. (21) to give the relation of the velocity Q on the surface in compressible 
flow and the velocityß en the surface of the analogous wing in incompressible flow. 

The semi-empirical approach has been generalized to three-dimensional wings on the basis of a 
separate analysia of an infinite sheared wing and the centre section of an infinite swept wing. The result 
of these are interpolated, based on the local flow direction, to give for a three-dimensional wing the basic 
formula for the HLR panel method (ref. 17): 

A"(i 
!A< 

n*.- TTE 
1 + i   ßf/V 

♦ »in2 A' 
JA 

(23) 

with(Ja defined as the perturbation velocity on the analogous wing that is obtained by shrinking the 
dimensions in y and z direction by a f actor! Ujm*  • Cjüa is calculated by means of sq.  (24): 

fl*   ■ 

2     eo»    A/ (1 ♦ü)aMcZA>*) 2       , (24) 

di 
♦ »i»   A, 

i*<ir> "c A, 
In this equationfla is the total velocity along the surface of the analogous wing in compressible flo 

The effective local sweep angles A* and A* are defined by 

tea A" - (JtanA * .-(3 li 
(25) 

where Uj and va are the perturbation velocity components in the incompressible flow in i ana y direction 
respectively. 

82 - i - *J I 1 ♦ (=o-2A + iia2 A«)  \tK (1 + A2% _Ük_   j t 
•• CO« A 

(26) 

A is the local geometrical sweep angle and X1nand Agn 
ar* functions of M^,. 

It car. be seen that for the limiting case K^.0 the result of eq. (23) reduces to the result that 
is obtained by the panel method for incompressible flow around the configuration. The pressure coefficient 
in all cases again is obtained by eq. (8) by substitution of ii for the velocity V. 

Application of eq. (23) for the limiting case of plane flow gives for the aerofoil of fig. 13 
where the first and secord order theory appeared to fail, the results that are presented in fig. 16. For 
comparison in this figure also the result is given for the OSthert rule applied to exact results for the 
incompressible flow around the analogous aerofoil. Further also is presented the result that is obtained 
by application of the wellknown Karman-Tsien pressure rule. This rule is baaed on the assumption that 
density and pressure in the flo» are related according to the simplified formula, representing the so- 
called Karman-Tsien gas. 3y means of a hodograph transformation of the flow a relation is found between 
the pressure coefficients in compressible flew and in incompressible flow around a perturbed aerofoil. 
When the contour perturbations are neglected the relation between the pressure coefficient Cp and the 
pressure coefficient Cp^ in incompressible flow about the aerofoil becomes: 

(27) 

i + (i-O 

The relation eq.  (27) is oeing used frequently. The results for the aerofoil in fig.  16 do not differ very 
much near the nose from the results of the GSthert rule. The pressure near the maximun thickness is pre- 
dicted better by the Ka man-Tsien rule than by the OSthert rule.  The results of the SLR panel method are 
the oest for this aerofoil ■   It can be mentioned that when the Von Karman-'.'sien gas theory is applied in 
its complete form, the results are about as accurate as those from the NLR method (ref. 22, 3oerstoel,KLR). 
However this theory cannot be extended to three-dimensional  flow. 

In fig.   17  comparable results are giver, for a lifting aerofoil with non-elllptical nose shape- 
Results of the type that are presented in fig.  16 anil fig.   17 have been found to be representative for the 
applicability of the VIS panel method. An example for an aerofoil with elliptic noae shape is giver, in 
fig.   18.  In that  case the exact result  is from Sells  (ref.  23,  RAE).  His method is based on a transformation 
technique that  is applicable to plane »ubcntical flow.   It  can be expected that for the roof-top type 
pressure distribution of the aerofoil in fig.   16, the result of Sells'computation is very close to the 
exact result for potential  flow. 
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fig. 16 

Pressure distributions on 
symmetrical aerofoil (13 i> 
thick section HLR 0.09 - 
0.75 - 1.4) 

fig. 17 

Pressure distributions on 
non-symmetrical aerofoil 
(HLR quasi-elliptical 
section) 

fig. 18 

Pressure distributions on 
non-symmetrical aerofoil 
(section HPL 3111) 

In fig. 19 results are presented that have been obtained with the panel method for a non-liiting 
wing-body combination. 
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Iscbar pattern and chordwise pressure distribution for a non-lifting wing-body 
combination at M - O.96. 
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In fig. 20 and fig. 21 results are presented that have been obtained with tne panel method lor a lifting 
wing-body of a transport aeroplane combination. 
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fig. 20 

Panel arrangwnent and apanwiee lift distribution for a wing-body combination. 
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a. wing pressure distributions b. body pressures 

fig. 21 

Fr»o*ure distribution on wing and body of a lifting wing-body combination. 
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In both fig. 20 and fig. 21 the calculated result» are presented for wing alone and wing-body combination 
to demonstrate the influence of the body. 

Finally in fig. 22 and fig. 23 results are presented for a research wing-body combination. 
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Spanwise lift distribution on a slender wing-body combination. 
— tmn «u* tan ZMaLMM l0.<n) 

CWVN4NT WMG UASOOr 

*«CUUME 

.-   «era« 

»£2L £7 
CMdusotumafiH eccr,»(a) 
CX*K«*NT MC "UA 100» 

i»     ». *■* — a. a   •** 

c. 
1, -■'•' 

.4     \'\. 

-a         ^^ 

Y 

SCCTONtdO^ 

PQMHQNOF    "OSITIOWC.     [Near 
«MO "CO*        «MO «POT K^ 

^     U 

a. wing pressure distribution b. body pressures 

fig. 23 

Pressure distribution on wing and body of a wing-body combination. 

It can be seen that for lifting configurations the calculated lift is larger than the experimental lift. 
This mair.iy is the result of the effect of the boundary layer in the experiments. Prom results presented 
in ref. 25 by Labrujlr« and Sytsma (SLE), it is clear that the position of the wake behind the wing that 
is chosen a priori in the calculations hardly influences the pressure distribution on the wing. In  the 
calculations the straight trailing vortices leave the trailing edge in the direction of the bisector of 
th« trailing edge angle. In ref. 25 the resultj obtained in this way are compared for the wing of fig. 21 
with results that are obtained for a trailing vortex sheet that has rolled up. 

With regard to the effect of the boundary layer, Preston and opence already nearly 20 years ago 
(ref. 26 and ref. 27) tried to correct potential flow calculations for the effect of the boundary layer 
that is present in experiments. Up to now no satisfactory engineering method for the calculation of 
viscous flow around lifting aerofoils is available. For three-dimensional swept wings the situation is 
even worse. Most methods are based on the concept that the displacement thickness of the boundary layer 
must be added to the aerofoil contour to form the boundary on which the normal velocity in the potential 
flow calculaticnis zero. 
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For computer applications a more efficient method results when this is modified by local expansion in such 
a way that on the original aerofoil 

B-fe ».«>■> (28) 

where Ue is the velocity at the edge of the boundary layer and 6 is the displacement thickness. This is 
called the "leak flow" form of the displacement concept. 

At HLR the displacement concept boundary condition in its leak flow form has been applied by Piers 
and Slooff (ref. 28) by incorporating it in the potential flow calculation according to the NLR panel 
method that is described above. To avoid errors due to shortcomings of boundary layer calculation methods 
and due to problems with the iterative procedure in which alternately potential flow calculations and 
boundary layer calculations must be performed, in ref. 26 the calculations have been based on measured 
boundary layer displacement thickness distributions. For the conditions under which the boundary layers 
were measured, calculated and measured pressure distributions were compared. The results are presented in 
fig. 24 for two aerofoils. 
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From fig. 24 it is clear that the viscous lift loss is underestimated in the calculation for these rather 
extreme cases for as well the low speed as the high speed conditions. In re.". 28 the conclusion is drawn 
that especially with regard to the behaviour of the flow near the trailing edge, the calculation method 
must be improved when the boundary layer is present. This improvement very likely also has to concern the 
representation of the wake that is based on empirical considerations. When tht boundary layer corrections 
are based on calculated boundary layer characteristics, even larger discrepancies between calculated and 
measured pressure distributions will occur than in fig. 24. 

4. THE APPLICABILITY OF METHODS FOR SUPERCRITICAL FLOW. 

In view of the possible advantages of application of flows with local supersonic regions (fig. 14) 
much attention has been paid in recent years to the development of calculation methods for that type of 
flow. The height of the suction peak near the leading edge, the position of this peak in chordwise direction 
and the relative position of any Shockwaves at the upper and the lower surface are very important parameters 
in view of the transonic characteristics of wings and aerofoils.Therefore the calculation methods that must 
be used as design tools must be able to predict these parameters correctly. It has appeared that this by 
no means is possible with calculation methods that are based on linearizations of the potential equation 
of the type discussed in the preceding sections. 

In principle network methods are natural means "to solve the partial differential equations that 
represent potential flow. In these methods the derivatives of flow quantities are approximated by 
differences of the quantities at various control points. With decreasing spacing between these points it 
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can be expected that the accuracy of the result increases. For compressible flow the approach results in a 
sat of non-linear algebraic equations relating the values of the flow quantities at the control points, 
that usually are chcsen on a rectangular grit in the flow field. In general the computational effort for 
application of a finite difference method is larger and increases more rapidly with the accuracy of the 
solution than the effort to apply a panel method. In view of this,only when the amount of non-linearity 
of the basic equations to be solved does not make it possible to make use of panel methods, finite 
difference i rthods ar« an acceptable alternative. This is the case for transonic flow around given shapes. 

At several places finite difference methods with numerical viscosity are in use that are based on 
simplified non-linear forms of the potential equation. Applications are mostly combined with linearized 
boundary conditions that amongst others simplifies the generation of the finite difference network. In ref. 
29 (Lomaz, Baily and Ballhaus, NASA) application is presented of the small disturbance equation: 

<«L?>?>5M* >SM? ös7 <r<> »«H 
(29) 

for the wing of the C141 that has a relatively small angle of sweep. The Kutta condition is applied by 
requiring a continuous pressure across the wake. The boundary condition is applied in the (x,y) plane by 
specifying "Lit at the lower and upper surface to be equal to the local slcpe of the wing surface. 

The comparison of  the results with experimental results is impressive for that case. Also the computing 
time is very modest. For three-dimensional flow up to now only finite difference methods are available that 
are based on simplified potential equations and simplified boundary conditions. However just as in the case 
of subcritical flow for a large number of aerofoils with attractive characteristics the simplifications in 
the potential equation and in the boundary conditions do not lead to results that car. be U3ed for design 
purposes. This is illustrated in the interesting survey of computational methods for 2D and 3D transonic 
flows with shocks by Yoshihara (ref. 30). 

In the following only attention willbe paid to methods by which the full equations for potential 
flow are solved. These methods up to now only exist for plane flows although attention is paid to 
extensions to three-dimensional flows by amongst others Jameson (Grumman). 

Two clasüs of methods will be introduced. The first concerns the application of finite difference 
techniques to the equations of the flow around given shapes. The second concerns the solution of the hodo- 
graph equations that are the result of interchanging dependent and independent variables- The hodograph 
equations for plane flow are linear. Making use of this linearity smooth transonic flow can be specified 
in the hodograph plane that can be transformed to solutions in the physical plane around shapes that also 
are a result of the transformation. The importance of the technique is that it can be used as an inverse 
method for the design of aerofoils with shockfree transonic flow at the design condition (the so called 
supercritical aerofoils of fig. 14). Because results of the hodograph methods will le used as a reference 
in the discussion of the applicability of the finite difference techniques, in the following first the 
hodograph methods will be introduced. 

4.1 Hodograph methods for the full potential flow equations. 

The hodograph tranpformation of the equations for compressible potential flow is based on a inter- 
change of dependent and indepenaent variables. By this transformation a linear equation is found for the 
streamfunction y from which with the stagnation density p the velocity components in x and z  direction 
are obtained according to: 

(30) 

The linear equation forlj) is: 
k-fi 

'<«>&♦ '•♦M^ip-^ijr-' (3D 

where X is the velocity parameter that is related to the Mach number according to: 

2T (32) 

and "Ü is the flow angle. 
.Vieuwland (SLR,  ref. 31) used the possibility to obtain solutions of the linear equation forlji 

to construct a class of compressible flows. He derived a Mellin integral transform for the analytic stream 
function describing the incompressible flow around an ellips in hodograph variables, and then substituted 
particular solutions of the hodograph equation for compressible flow (the Chaplygin particular solutions) 
into this.       In this way he related a compressible flow to a given incompressible one. A general 
feature of this function theoretic method is that the aerofoil shape in the compressible flovfield is 
found as a result of the transformation. For vanishing compressibility the original incompressible flow 
aro'-j.d the ellips u recovered, but with increasing Mach number the shape becomes rather strongly 
distorted. As a result of this,special measures must be taken to guarantee the regularity of the trans- 
formed ellips that have been called "quasi-slliptical aerofoils". It has appeared that a family of 
considerable geometrical variety can be obtained on a routine basis (refs. 32 and 33) that contains also 
shapes with supersonic flow regions that decelerate smoothly to subsonic flow. It has been shown by Spee 
(NLR, ref. 34) that the local supersonic flow also can be realised experimentally for the non-lifting 
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case and that *he shockfree flow is stable with respect to unsteady disturbances. He also demonstrated 
experimentally that the shockfree design condition is embedded in an interval of free stream Mach numbers 
and ancles of attack where wave drag is negligable. Latsr Boerstoel and Uylenhoet (ref. 32) presented 
comparable results for a lifting quasi-elliptical aerofoil. The results for the non-lifting and lifting 
aerofoil are presented in fig. 25a and fig. 25b respectively. 
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Experimental and theoretical results for quasi-elliptical aerofoils with shockfree 
transonic flow. 
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It has been found that parts of the analytical shape of the quasi-elliptical aerofoils can be- 
changed without destroying the low-drag properties of the basic shockfree flow. The modifications mist be 
restricted to parts of the aerofoil where the local speed is smaller than the speed of sound at the design 
condition. This additional degree of freedom has been used to satisfy multiple design requirements. In 
ref. 24 (Loeve and Slooff, NIB) an example is presented where the additional freedom has been used to 
increase the lift coefficient at "shockfree" conditions at the design Mach numbers. The design process was 
baaed on the assumption that the difference between the exact pressure distribution according to full 
potential theory and the pressure distribution according to the DLR panel method on the front part of the 
aerofoil is not influenced by modifications at the rear. The result that was found by trial and error is 
presented in fig. 26. Some more details on aerodynamic characteristics of the section NLR 7101 will be 
presented in section 4.2 as part of the demonstration of the applicability of finite difference methods. 
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fig.  26 

Example of the design of a rear loaded shockfree aerofoil by means of a combination of 
a hodograph theory and a panel method (NLR section 7101, thickness 14 %,  M^» 0.74)/ 

After the results presented so far had proved the usefulness of hodograph techniques to generate 
aerofoils with shockfree transonic flow, at NLR a new method was developed by üoerstoel to design shock- 
free transonic aerofoils by hodograph techniques. The main reason was that the class of quasi-elliptical 
aerofoils was to restricted. The new method is described in ref. 35- Most of the following is taken fron 
this reference and from unpublished work of Boerstoel. 

In fig. 27 the structure of the hodograph of shockfree transonic flow is illustrated in relation 
to the flow in the physical plane. At the left hand Hide of fig. 27 the two-sheeded (X,'S)-surface is 
presented with the point (X*,^) as a branch point. 

- -■-- 
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HODOGRAPH  SURFACE PHYSICAL PLANE 

fig.  27 

The structure of the hodograph of shockfree transonic flow. 

a. (t,v) are polar variables on the hodograph surface, with v as radial variable. 
b. The hodograph surface may be devided into two sheets by a cut that  begins at the branch point  ft ,v) 

and that extends outward along the radius v= V. The sheets are called upper and lower sheet respectively. 
c. The image of the aerofoil on the hodograph surface is a closed curve C where the stream functional-0 

and that encircles the branch point.  The exterior of the aerofoil in the physical plane naps onto the 
interior of the aerofoil image C on the hodograph surface. 

d. The stream function of the flow has a free-stream singularity of known type at infinity in the physical 
plane,  and thus at a point  0^,0)  on one of the sheets of the hodograph plane.   (T    and K^ are related 
according to eq.  (32): 2T 

The sheet that contains the free-stream point  ft^.O)  is called the upper sheet. 
e. The free-streamlinelf-0 that extends in the physical plane fr>m the front stagnation point to infinity 

upstream corresponds to a curve on the upper eheet from the origin to  Oj^.,0) where l|) has its free- 
stream singularity. Similarly, the free-streamline tty-0 from the tail poin. downstream to infinity maps 
onto a curve connecting the tail point image on the lower sheet with (T^,0) on the upper sheet. 

f. The linear hodograph equation eq.  (31) can be represented by 

lu/(Z,9) - o 

The mapping of the hodograph surface (I,-v7J to the physical plane z«r+iy can be represented by 

z  (L,&).My(I,fr) 
where M is a known linear operator. 

The stream function^ may be splitted in a basic stream functionlj). that satisfies U|i"0 and that 
contains the desired free-etream singularity, and an additional stream function IJJ that is regular 
everywhere inside the aerofoil image C and satisfies Iljj -0: 

(33) 

(34) 

Y-4V Y. (35) 

For givenljl. and aerofoil image C we may then formulate a Trioomi boundary value problem forlj) and 
solve this under the boundary condition l\)  —<]l on C. 

Now in the design process C is chosen and the boundary valve problem is approximately solved by 
representing(h by a finite sum of linearly independent solutions [h     as follows:(Jj "^I0^«,. with 

U^-0  n-l(l)N. 

By the proper determination of c„ the boundary condition is satisfied approximately. 
By application of the transformation eq. (34) the aerofoil shape is found finally. Three examples of 
results obtained by the method of Boerstoel are presented in fig. 26. 
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»be 

fig. 28 

Examples of full solutions of the inverse potential flow calculation oy Boerstoel(ref.35). 

Solutions' of this type can form input data of the aerodynamic design process. 
toother design method based on the hodograph transformation is that presented by Bauer, Oarabedian 

and Korn in ref. 36. In this method the equations for incompressible flow are written in complex 
characteristic form. The complex hodograph potential of an incompressible flow is used to define an 
initial-value problem for these equations. The result is translated into a solution of the compressible 
hodograph equations. For vanishing compressibility the original solution is found back. The problem is 
solved by finite difference techniques. The method is suitable to obtain a much larger family of shapes 
than with the analytic method cf Nieuwlani. In comparison with the method of Boerstoel the family of shapes 
seems to be of the same magnitude. However the numerical process of '■arabediar. and Korn is controlled by 
about 70 parameters that must be chosen by the user of the method. In the method of Boerstoel that is based 
on computing series, less than 10 parameters control the process. Experience influences much the computer 
time needed to generate useful aerofoils by means of the approach of Oarabedian and Korn whereas in the 
case of Boerstoel's method experience plays a smaller role in the design process. Oarabedian and Xorn 
according to ref. 36 are able to generate aerofoils in 1 to 2 hrs computing time on a &X-6600. The time 
required to generate aerofoils by means of Boerstoel'a method is about 1 hr on the same computer. 
Examples of aerofoils designed by the method of Oarabedian and Korn are presented in fig. 29* 
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inverse potential flow calculation by Bauer, Oarabedian 
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fig- 30 

Flow diagrams of -two hodograph methods for the design of aerofoils with shockTree 
transonic flow. 

In fig. 30 simplified flow diagrams of both hodograph methods sre presented. 

Mien the inverse calculation method for the determination of a shape with shockfree transonic 
flow is used as input in the design process indicated in fig. 1, the aerodynamic characteristics have to 
be determined in off-design conditions. Also other design conditions may 'c^ subject of study. For an aero- 
foil for a wing e.g. apart from high speed characteristics also low speed characteristics play a role. 
For aerofoils for helicopter rotor Wades as well manoeuver as hover conditions just be met. In general 
Cj, C,] and Ca  curves of the final aeroi--1 must be estimated. For this, use is m*5e of potential flow 
methods as the panel method and boundary layer calculation methods. Further empirical knowledge is usod to 
extrapolate from the conditio 
applicability of thesf method 
of buffet or rapid variatio' 
direct solutions of the ful 
as possible to the bounairies 

»V are covered by these methods to conditions outside the range of 
«rds the boundaries in the C^ - M^plane that determine the occurrence 
rodynamic characterist.es of the aerofoil. At high sutsonic Mach numbers 
v.ial flow equation are used to predict aerofoil characteristics as close 
ne Cj - MJK, plane where Phock induced boundary layer separation occurs. 

In the next section attention will be paid to some limits of applicability and shortcomings of some finite 
difference methods that are being used successfully for this. 
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4.2 Finite difference methods for the full potential equation of plans flow. 

In the paper presented by Yoshihara last year at the Von Karinan Institute (ref. 30) a complete 
description is given of recent developments in the calculation of steady transonic flow with shocks using 
finite difference procedures. In view of this in the present paper only a few remarks will be made on this 
subject and some results will be presented that have bean obtained at 3LR. 

As far as the methods for the solution of the full potential flow problem in plane flow are 
concerned two approaches exist: the time dependent procedure of Magnus and Yoshihara (ref. 37) and the 
steady relaxation procedures of Steger and Loriax (ref. 38), Garabedian and Korn (ref. 36) and of Jameson 
(ref. 39). 

In the time-dependent procedure the desired steady flow is obtained asymptotically for large 
times by a finite difference marching procedure. Embedded Shockwaves can develop automatically. The flow 
modal that is used describes conservation of mass am.' momentum whereas the isotropic pressure/density 
relation £y - constant is used to eleainate the pressure. The flow model c«n be written as vector partial 

differential equation: 

(36) 

u and w arc velocity components in x and z direction. Much attention is paid in the method to the correct 
representation of the boundary condition at the aerofoil surface. 

The computational effort to apply the time—iependent method is large in comparison to that of the 
steady relaxation methods because it requires representation of the time history of details of the flow 
that is irrelevant for the asymptotic solution which is the steady flow. It may be expected that transient 
flow problems in future can be solved along these lines. Comparison of the results of the -time-dependent 
method with exact results for shockfree flow from hodograph theory generally show very good agre.went. The 
computing time is in the order of 40 minutes on the CDC 6600 computer whereas 4-10 minutes are required 
for application of the steady relaxation method of Garabedian and Korn. 

The steady relaxation methods of Garebodian and Korn and of Jameson are based 
on the equations that describe conservation of mass ari irrotationality and the conservation of energy, 
together with the isentropic pressm '/density relation. As vector partial differential equation the first 
two relations are: 

pu 
+ jPM 

The energy equation reads: 

u + w    4 0    D 
+ r^r  T ■ constant 

(37) 

(38) 

for the entire flow field. 
In the actual calculations not the conservation form of the equations is used but: 

(a2-u2)^-2uw|^+(a
2-w2)^|-0 

(39) 

3x3z 
3s 

with for the velocity of 3ound: 

♦ %v» -IT w2) (40) 

In these methods the fulfillment of the boundary condition is simplified by mapping the exterior of the 
aerofoil onto the interior of a circle. 

The appearuice of shocks in the solutions is an interesting feature. Some attention will be paid 
to this, based on ref. 40 (NLR, Van der Vooren and Slooff) and on unpublished work of Van der Vooren. 

AB has been explained also in ref. 30, cases with shocks are mathematically a weak solution of 
the differential equations that define the flow model. In conservation form thesa equations are repre- 
sented by: 

div v - 0 
(41) 

where e.g. div ■ z-r *~^ *%i     in *ne plane time dependent flow. 

A weak solution of eq. (41) is a solution that fulfills eq. (41) almost everywhere; there may be li'ies 
(shocks) across which eq. (41) does not hold. The jump conditions across these lines follow from the theory 
of weak solution (ref. 41) of differential equations and read 

(v.n) + (v.n)~ (42) 

Here + and - denote opposite sides of the lines of discontinuity. 
Prom the theory of weak solutions the shock relations for the time-dependent approach read 

according to eq. (36) and the isentropic pressure/density relation (ref. 39 and fig. 31): 
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Plun1 "P2
Un2 

Plun12 + Pl "PA22 + p2 (43) 

u . u+1 Pl%1 'P2un2ut2 

P? "pf 
expressing conservation of mass, momentum and entropy across the shock. It is shown in ref. 39 that in this 
version of the time-dependent method a», energy lose across the rhock is predicted dependent on the flow 
conditions upstream of it. To first order this loss is 

^-HjMV-1)2 
(44) 

The related rotation in the wake is stronger than that which occurs behind the shock in the exact inviscid, 
non isentropic compressible Rankine Hugoniot flow in which conservation of mass, nurmal and tangential 
components of momentum flux and energy exists (ref. 1). In this flow the rotation is related to the 
increase in entropy across the shock, which to first order is only 

S2 " S1 ~G«n1 o- (45) 

fig. 31 

Definition of shock parameters. 

Later in their time-dependent method Magnus and Yoshihara applied a procedure in which the total 
pressure is upgraded after every few time steps by changing the densityP in such a way that the algebraic 
energy equation eq. (38) is valid again along streamlines. It appears ihat in the limiting steady case the 
calculations then represent a model that is both isentropic and isoenergetic at the expense of relaxing on 
the requirements for the conservation of mass and momentum.Still later on procedures were used that differ 
from the description of the method in the literature in other ways. It is not always clear from the 
description of results with which procedures they were obtained. 

For the steady relaxation methods the theory of weak solutions for eq. (37) and eq. (38) and the " 
isentropic pressure/density relation leads to the shock relations (ref. 35)! 

PlUn1 "P2Un2 

ut1   "t2 
(46) 

J_ ii + iiLüL. X p2 , v2 * ut22 

ft"1    Pi P   P2 

Pf   "p/ 

i  
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The«« express the conservation of mass, energy and entropy as sail as the continuity of tangential 
velocities across the shock. The first two relations in eq. (46) imply the continuity of the tangential 
component of momentum flux. The normal component of momentum Mux is not conserved across the shock in 
this model. In fact there is a momentum gain across the shock. 

The shock relations according to the time-dependent and the steady relaxation methods are 
compared is fig. 32 with the Rankine-Hugoniot shock relations. The impression from this figure that the 
results of the time-dependent method will cons closest to that of R&nkine Hugoniot flow is confirmed in 

HANK INC - HUOOMtOT 
ISChTftO'lC     MAGNUS AHO V0SHIH4MA 
■ SfNTtOMC     OAAAeCOIAN -«0»N     jAMCSOft 

fig. 32 

Density ratioßk and downstream Mach number &12 as a function of upstream Mach number 

Mni at a shock. 

fig- 33a. In this figure the calculated pressure distributions are given for a NACA 64JM10 aerofoil. 
It can be seen in this figure that the pressure jumps tnat are determined numerically in both methods 
differ from the jumps that can b^ determined from the shock relations of the flow models. In comparison 
with experimental results, where the shock is weakened due to boundary layer effects, it happens very 
often that tha result of the steady relaxation method corresponds well with the experiments. This is also 
the case in fig. 33b that has been obtained from Xacprzynski (NAE, rsf. 42). This should be regarded as a 
coincidence, 

-1.5 

RANKINE-HUGONIOT JUMP 

CORRECT ISENTROPIC SHOCK JUMP 

MAGNUS ANS rOSHh'ARA — 

JAMESON   

fig. 33 

Pressure distribution on the MACA 64A-410. 

mm 
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Finally, sons other examples will be presented of the steady relaxation method of Uaraeeaian ana 
Korr..  In fig. 34 results are presented fron unpublished work of Smith (HLR) for the shockfree rear-loaded 
aerofoil HLR7101 of which the experimental pressure distribution is given for the design conditions in 
fig. 26. As can be seen in fig.  34 the Qarabedian-Korn method produces a pressure distribution that shows 

SECTION NLR 7101 
OESISJW (NOT 
EXACT. SEE FIG M) 

0   GA*A*£0UN-KO*M 
1SOn30; EPtO.tt 

-04 

fig.  34 

Pressure distribution on section KLR 7101. 

a shoc^ which is not present in the experiment.  It is important to know that this car. happen when the 
method is used as a design tool. For the same aerofoil the Cj,-»^ relat. sns for various values of tho angle 
of attack according to the Oarabedian-Korn method are presented in fig.  35. 
In this figure which is obtained from unpublished work of Zwaaneveld (BIB) the drag divergence Mach numbers 
«DD are indicated from calculated and measured results.KTJD is defined for each angle of attack as the Mach 
number for which the variation of the drag coefficient as a function of Mach number   dCJ I 

d \m   0. 1 

•"Hot  - constant 
ihe drag in the experiments of NLR has bee- aetermined by means of a rake. The drag from calculated 
resultr has been obtained by means of integration of the pressure distribution on the aerofoil. The result 
for the drag divergence of the calculation method corresponds rather well with experimental results. This 
can be explained by the fact that in the absence cf shocks the calculation method is equivalent and 
identical to Rankine-Hugoniot flow so that the prediction of the drag rise Mach number in the calculation 
method is correct although the drag value itself is in error. 

It has been shown in ref. 3C and ref. 42 that it car. be very difficult to explain differences 
between experimental and calculated pressure distributions when strong shocks sre present. Tunnel wail 
interference, Shockwave-boundary layer interactions and errors in the representation of pressure jumps 
due to shocks in the calculation methods, are difficult to separate. 



6-37 

tig.  35 

Calculated lift aa a function of M, and a with points where drag-divergence occurs for 
section BLR 7101. 
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5. CONCLUDING REMARKS 

During the past years large progress is made ir, the development of potential flow methods for 
calculation of flows around aerofoils and wings. For subcritical flows around wing-body combinations 
direct panel methods are available that, partly as a result of introduction of semi-empirical compres- 
sibility corrections, are very suitable design tools. For plane transonic flows inverse hodograph tech- 
niques and direct finite difference methods, both solving the full potential flow equations for «act 
boundary conditions at the aerofoil surface, form a useful combination for the design of aerofoils for 
wings and helicopter rotors. For attached flow and relatively smooth pressure distributions, in principle 
boundary layer effects can partly be taken into account. 

For three-dimensional wings in transonic flow only finite difference methods are available that 
are based on small-pei-turbatior. flow equations and simplified boundary conditions. Results of these tech- 
niques can differ much from results of the full potential equation for exact boundary conditions. When 
strong shocks are present even in attached flow the Shockwave-boundary layer interaction effects cannot be 
predicted yet in plane flow or in three-dimensional flow. Also separation of the flow that causes lift 
divergence and buffet is outside the region of applicability of existing standard calculation methods. 
Semi-empirical techniques that are used by many designers, seem the only design aids for the time being 
with respect to these effects. 

The last points that are mentioned make clear that for the design of aerofoils and wings, 
experiments are indispensable. Hall interference in tunnels however may cause troubles especially in cases 
with strong shocks and high lift with and without boundary layer separation effects. 

It is desirable to combine calculations and experiments in the design proctjs in an optimum way. 
No general rules can be given for this because the empirical knowledge of the designer plays an essential 
role in the process. Apart from considerations concerning the applicability of the results also cost- and 
time aspects play an important role when a choice is made between calculations and experiments. 

For an experiment in a windtunnel to determine aerofoil characteristics,a model is required. In 
most cases it is necessary to determine details of the flow so that it must be possible to measure the 
pressure distribution on the model. Accurate aluminium alloy models for 2D tests in a small transonic 
tunnel cost S 15.000 to $ 20.000. The co6ts of a complete test of the aerofoil including data processing 
in such a tunnel is about } 10.000 for about 20C M(*-*combinations. This means that for each K - <X com- 
bination a test costs about t 50 without model cost« or f 150 including model costs. This car. be "compared" 
with the costs of application of the steady relaxation method of Garabedian and Korn that takes 4-10 minutes 
on a CDC 6600 for one case. Making use of special features in the programme the computation of mo.'e than 
one case takes less time for the second and each succeeding case. Experiences at BLR are that 100M - « com- 
binations cost about $ 5000 on a CDC 6600 in a commercial centre. That is S 50 for each case. For the cal- 
culation the price for each K^-X combination is about equal when input generation for the computer is 
neglected and when the computer programme is available. The price of a complete windtunnel test is little 
influenced by the number of test points. The time required to sake a tunnel model is much larger than the 
time required to generate computer input. 

A similar "comparison" can be made for 3D cases. A steel model for pressure measurements on a 
wing that is mounted on a body costs f 50-000 to I 70.000. A short test that is relatively expensive and 
that only concerns symmetrical flow conditions lor one configuration costs about S 25.000 including data 
processing. It is usumed that a suitable tunnel is being used with a test section of say 2 x 1.6 m^. 
With again about 200 J^-1*combinations the experiment costs about t  125 without model costs or including 
model costs about t 400 for each V.gg <* combination. Application of the NLR panel method costs for a giver, 
configuration for the second and each succeeding I^j 01 combination I 350 to S 1400 dependent on panelling. 

The choice between experiment and calculation strongly depends on the phase in the design process 
as can be seen also in fig. 1. When e.g. the effect of a large number of geometrical variations has to be 
determined, time and costs considerations very often will lead to the use of the computer. In some cases 
computational methods provide possibilities that differ from the possibilities of tests. E.g. to design 
aerofoils with transonic shockfree flow existing theoretical inverse methods directly give results that in 
general cannot be obtained by a trial and error procedure that is entirely based on experiments. It has 
been shown that in some cases this type of flow can be found by experimental means but in those cases only 
at the cost of a large number of experiments with different models. 

To he able to apply a computer programme a r" .hematical model must be developed first and the 
computer programme must be written (and debugged). It is not possible to produce numbers about the costs 
that are involved. As an order of magnitude it can be assumed that complicated computer programmes of the 
types that havj been used to generate the examples presented in the present paper, at least cost th«t same 
as the windtunnel models mentioned above. Also in this case a large difference exists between costs 
related to plane flow and to three-dimensional flow. In principle it is possible to improve programming 
techniques in comparison with normal practice in scientific programming. Further the price/performance 
ratio of computers will be influenced considerably by amongst others new computer memory technology. 
Both circumstances have to lead to a more competitive price of computations in comparison with experiments. 

kw 
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BOUNDARY LAYER CALCULATION METHODS AND 
APPLICATION TO AERODYNAMIC PROBLEMS 

J. Steinheuer 

1. INTRODUCTION 

1.1 General Remarks 

Th« aerodynamic design of aircraft may be characterized generally as the ability to develop such 
forms and shapes of aircraft which Hill ensure a stable and controllable type of flow at a maximum effi- 
ciency. The basic flow to be achieved, for the Mach number range up to low-supersonic speeds, would ideal- 
ly be the classical attached Kutta-Jcjkowsky flow. The type of aircraft under consideration then is one 
having wings of large to moderate aspect ratio where the lifting surfaces are physically distinct from the 
propulsion units and from the fuselage. In the high subsonic speed range compressibility effects can be 
delayed to a certain extent by using swept wings, but still retaining the essential features of an attach- 
ed flow. The aerodynamic design should be based on a full understanding of the fluid mechanics of the flow 
from which, either by theoretical considerations or by experimental research, design criteria and calcula- 
tion methods are derived for the prediction of the aerodynamic properties of an aircraft. 

Historically, the outstanding event by which our understanding of the physics of the flow around an 
obstacle auch as an .airplane was given its foundations has been the introduction of the boundary-layer 
concept by Prandtl in 190<* [1]. In this year of the 70th anniversary of that event it seems quite appro- 
priate to recall that without the recognition that viscous forces, though small, play a crucial part in 
any flow, the experimentally observed finite drag in attached flows and the occurence of separation could 
not be understood with the then existing and already highly developed perfect fluid theory on one hand or 
the Stokes viscous theory on the other. Prandtl's theory explained how viscosity exerts its influence on 
the flow in a thin boundary layer adjacent to the body surface. Drag is readily recognized as the sum of 
the shear forces in the thin boundary layer, and separation is the consequence of the retardation of fluid 
by viscous forces causing it to break away from the surface and thereby disturbing large areas of the flow 
field. Since its foundation boundary-layer theory has developed into a discipline of fluid dynamics of its 
own standing comprizing a broad variety of theoretical problems and practical applications. The analytic 
and numerical treatment of the boundary-layer equations has been greatly r.dvancea especially by the use 
of computers. Calculation methods have been devised in great number by which many problems of practical 
significance in aircraft aerodynamics could be solved, and of which this paper is trying to give a few 
examples. 

Since the emphasis of this lecture course is on aerodynamic characteristics and their prediction, 
it seems appropriate first to point out in more detail the role of boundary-layer behavior and its influ- 
ence on the aerodynamic characteristics. In view of the envisaged type of flow around an aircraft with 
wings of large to moderate aspect ratio it is justified to do this by considering the two-dimensional 
flow-over an airfoil section where most of the basic boundary layer phenomena are present. 

1.2 The Influence of Boundary-Layer Behavior on the Aerodynamic Characteristics of Wing Sections 

The low speed flow characteristics about a single airfoil i.e. an airfoil without flaps and slats 
are well-known from wind-tunnel investigations as summarized in Refs. [2j, [3] and [t] giving data on 
lift vs. incidence, e.    and drag coefficients for Reynolds numbers up to about lo". From these experi- 
ments one arrives at the Following qualitative picture of the boundary-layer behavior and its influence 
on the aerodynamic coefficients. At snail to moderate incidences the flow along the contour of the airfoil 
is completely attached, and an almost ideally potential flow pattern is established. The boundary layer 
starts on both sides of the stagnation point at the nose as a laminar boundary layer, undergoes transition 
beginning at some downstream position and extending usually over a relatively short distance, and continues 
as a turbulent boundary la,er to the trailing edge where the boundary layers from the upper a' J lower sides 
merge to form a wake which is a turbulent thin shear flow. The location of the transition region depends 
on the pressure distribution, normally beginning at a small distance downstream of the point of minimum 
pressure, and on the Reynolds number. In general, increasing Reynolds number at a constant incidence de- 
creases the boundary-layer thickness at any point including the trailing edge which leads to an increase 
in circulation of the inviscid flow thus increasing the lift coefficient c, and the slope dc,/do while the 
pitching moment c„ becomes more positive. The profile drag ca being composed of friction drag and pressure 
drag is generally reduced with Reynolds number by virtue of a decreasing pressure drag and als a reduction 
in friction drag. An indirect influence of the Reynolds number is brought about by a change in the transi- 
tion location which is very sensitive to changes in pressure distribution. As the angle of incidence is in- 
creased at constant Reynolds number the transition region moves forward on the upper side and rearwards on 
the lower side. On the other hand transition moves upstream on both sides with increasing Reynolds number 
at constant incidence. Thus the role of transition location as a Reynolds number dependent parameter is 
seen to-have a prominent significance when it comes to extrapolating wind-tunnel measurements to the desir- 
ed full scale data known as the scale effect to which some remarks will be made later on. 

As the angle of incidence of an airfoil is further increased eventually the boundary layer will sepa- 
rate from the surface at some point on the upper side. Depending on the section shape, the separation loca- 
tion, and the Reynolds number significant differences occur as to the subsequent disturbance of the in- 
viscid flow field. Two major characteristic types of separation can be distinguished (see Fig. 1), i.e. 
(1) separation of the turbulent boundary layer at the trailing edge and (2) separation of the laminar 
boundary layer near the leading edge. Rear separation of the turbulent boundary layer results from the 
increased positive or adverse pressure gradient as the lift increases with incidence. This type of sepa- 
ration occurs on thick airfoil sections with a well-rounded ninircum pressure peak and transition lies at 
about the location of minimum pressure. The maximum lift is reached steadily with incidence as shown by 
the lift curve of Fig. 1 for the NACA 633-018 airfoil profile indicating that the separation flow pattern 
is preserved even beyond the maximum lift. Raising the Reynolds number at constant incidence tends to push 
the separation point back again resulting in a gain of lift and thus allowing to achieve a higher c, 
value at a larger angle of incidence. However, lowering the Reynolds number eventually results in the'' 

Dr.-Ing., Research Scientist, Institut für Aerodynamik der DFVLR, Braunschweig, Germany, 

— ■ ,, „,- ,i,.,,■>..».,. 



7-2 

Separation of the laminar boundary layer on the forward part i.e. before transition could take place. The 
once separated laminar boundary layer being unstable will very quickly turn turbulent and may then reattach 
again to the surface creating a closed separation region or bubble as shown for the cases (c) and (?) in 
Fig. 1. This type of separation usually occurs with thinner airfoils where the suction pressure peak is 
more pointed even at low angles of incidence. The bubble may behave in two distinct ways when after its 
establishment the incidence is raised or the Reynolds number is increased: it may shorten or it may enlarge 
forming either a "short" or a "long" bubble. The contracting short bubble moves closer to the front and 
suddenly bursts when some critical incidence is reached causing complete separation of the flow over the 
entire upper side of the airfoil. Consequently the lil"t-curve (curve for the NACA 63i"012 profile in Fig.l) 
has a sharp maximum with a drastic reduction of lift beyond this maximum and a corresponding drastic in- 
crease in drag. In contrast, the long bubble occuring at very thin airfoils extends rearwards with in- 
creasing incidence until it reaches the trailing edge. The lift slope decreases steadily during this pro- 
cess and the lift curve itself is rather flat around its maximum (curve for the NACA 64A006 profile in 
Fig. 1). On profiles of moderate thickness the type of separation can change from the leading edge short 
bubble type to the trailing edge turbulent separation type. Also a range of Reynolds number may exist for 
which the two types are present simultaneously, e.g. a short bubble and turbulent rear separation the 
latter being enhanced by the existence of the short bubble causing the adverse pressure gradient to be 
larger. 

The main conclusion to be drawn is that the lift characteristics of an airfoil are determined to a 
large extent by the boundary layer behavior being primarily dependent on Reynolds number. Transition loca- 
tion has a very important influence on the type of separation to be expected. No generally valid criteria 
exist by which the two types of bubble separation can be predicted. Only by a very detailed knowledge of 
the boundary layer development at every srage can one hope to predict quantitatively the aerodynamic charac- 
teristics of lift, moment and drag of airfo.'l profiles at least ip to the point where separation first 
occurs. However, the calculation of the bounocry layer development depends on the given pressure distri- 
bution which in turn is influenced by the boundary layer displacement effect. So, when trying to determine 
e.g. the lift by purely computational means, an iteiTtive procedure is necessary in order to account for 
this interaction between inviscid outer flow and the boundary layer. 

A much fuller account of the airfoil section characteristics and also of the following topics in 
connection with the general aspects of lircraft behavior at high angles of attack has been giver in a 
recent review by G.J. Hancock [5], The remarks made nere are meant only to point out the role and signi- 
ficance of the boundary layer effects without attempting to be exhaustive. 

The classical means of ensuring satisfactory landing and take-off performance of an aircraft is the 
addition of trailing edge flaps and leading edge slats to the basic wing. The development of the boundary 
layers around an airfoil with a flap and a slat is depicted in Fig. 2 together with measured pressure 
distributions reproduced from [6]. In addition to the phenomena connected with single airfoil flow which 
may occur on each part of the multiple profile separately there are essentially two more features to be 
considered. The first is the appearance of a separation bubble on the lower sides of the main airfoil and 
the slat where the approaching turbulent boundary layer passes a contour discontinuity like that of the 
slat or highly curved parts of the profile contour like that at the flaps housing. The location of the 
reattachment point of these bubbles depends on the flap setting and the shape of the slat. Secondly there 
exists an interaction between the wake of the slat and of the main profile and the boundary layer over tne 
back of the main profile and th flap which will certainlv influence the boundary layer characteristics 
and hence the overall profile behavior. 

The typical boundary-layer development over the back of a profile with slat and flap can be deduced 
from the total pressure head distributions given in Fig. 3 as measured by Ljungström [7], Note that the 
only difference for the two cases shown is the different slat setting with a wider slat gap h. in the 
upper diagram, resulting in a marked change in the boundary-layer development as influenced by the slat 
wake, and also in noticeable changes of the pressure distributions and the overall lift coefficient c . 
A very important practical problem with such configurations is the problem cf finding the optimum positions 
of the slat aiid the flap with regard to maximum lift. Fig. ■* shows the results of wind-tunnel measurements 
for a drooped-nose profile with a slat for three different slat angles and two Reynolds numbers according 
to E. Bartelt [6]. The pattern for positions of equal e,    is quite irregular with the optimum locations 
being displaced considerably by small changes of the flap eingle and a Reynolds number variation. These 
diagrams strikingly show that although flap and slat locations can be found in extensive and rostly wind- 
tunnel experiments the extrapolation of the experimental results to the full scale wing i.e. to a higher 
Reynolds number is very doubtful. On the other hand, the prediction of the aerodynamic characteristics in 
such cases by purely computational means seems to be an almost insolvable task in view of the complexity 
of the problem. An attempted approach for the prediction of the optimum flap setting to attain maximum 
lift will be presented later. Very useful papers on the subject have been given by A.M.O. Smith [9] and 
D.N. Foster UO]. 

If the Mach number is raised in the flow around an airfoil a supersonic flow region is established 
on the upper surface which is terminated by a normal shock. Since a shoe}, wave is a sudden flow compres- 
sion it is expected that there is a considerable influence on the boundary-layer development underneath. 
Although the flow upstream of the shock is supersonic the inner regions of the boundary layer must be 
subsonic so that the compression is being spread out to some extent over the surface as shown in Fig. 5. 
It depends very much on the shock strength and on the state of the approachinp boundary layer whether or 
not it will separate in this region. If separation occurs this will drastically influence the inviscid 
flow and consequently also the aerodynamic properties of the profile. It is generally agreed that the 
approaching boundary layer should by all means be a turbulent one since a laminar boundary layer would 
almost invariably separate due to its very limited capability to withstand an adverse pressure gradient. 
This is the main reason why in wind-tunnel experiments the boundary layer is tripped to forced transition 
well ahead of the expected shock location. 

The different types of separation phenomena as a consequence of the interaction of the shock with 
a turbulent boundary layer including various other aspects of the transonic flow over profiles and wines 
have been pointed out in several papers by K.H. Pearcey, e.g. in Ll] . Recent reviews on the subject are 
also due to J.E. Greene [lj], [13]. The two main models are o»picted schematically in fetches (a)and (b) 
of Fig. 5. Flow model A postulates the existence of a  separati-m bubble underneath the shock which is 
growing in extent towards the rear with increasing incidence i.e. wit I growing shod* strength. The adverse 
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pressure gradient over the rear part is not strong enough in this ease to induce rear separation which is 
to be expected for relatively thin and lightly loaded airfoils. However, for the thicker and more highly 
loaded sections used in modem designs the pressure gradients in the rear subsonic flow are steeper so 
that flow model B with separation from the trailing edge is expected to exist. Mixed types of flows may 
exist according to Peareey, Osborne and Haines [11] with a nubble at the shock location and rear separation. 
Model B type separation being essentially the analogue to the classical low speed turbulent trailing edge 
separation is very sensitive to the local pressure gradient, the boundary-layer thickness, and the upstream 
history of the boundary layer. Even without separation the interactions at the foot of the shock and ct the 
trailing edge are locally strong as pointed out by J.E. Greene [13] and influence the overall flow behavior 
and hence the aerodynamic characteristics of the profile. Incipient rear separation also marks the onset of 
the very severe phenomenon of buffeting and it is of upmost practical importance to be able to predict the 
buffet boundaries as a function of Mach number and Reynolds number. 

The above short description of examples of flows over single and multiple airfoils in the low speed 
rang« and the flow on an airfoil at high subsonic speeds may suffice to point out the eminent importance 
of the boundary layer in any flow situation. The extension of profile flow to the actual flow over wings 
with finite span, of course, must be taken into consideration in an actual design. However, the essential 
features of the boundary-layer development will not be changed radically by the inclusion of three-dimen- 
sionality as long as the aspect ratio of the wing remains large and the sweep angle in case of a swept wing 
is not too large, say less than 40°. The problem of assessing the aerodynamic characteristics of a finite 
wing from the knowledge of its sectional behavior has been treated by Küchemann [it] and reviewed by 
Hancock [S] and by Williams and Ross Ü.5] with many pertinent references. Sine the aerodynamic characteristics 
of an aircraft are dominated by the properties of its lifting surfaces it seems justified to leave aside the 
problems associated with fuselage interference. The boundary-layer aspect of the attached flow over the fuse- 
lage and other aircraft components such as engine nacelles is primarily concerned with the reduction of drag 
at low lift cruise speeds assuming attached flow conditions. Therefore, in the following survey on boundary 
layer calculation methods essentially two-dimensional boundary layer flow is presupposed. 

The purpose of boundary-layer calculations within the framework of the general objective of predicting 
the aerodynamic characteristics of a projected aircraft may be characterized as the ability (1) to positive- 
ly define the state of flow i.e. to decide if attached flot exists or if regions of separated flow must be 
expected, and (2) to provide a quantitative measure of the effect that the boundary layer has on the aero- 
dynamic characteristics i.e. to be able to calculate the friction drag, the reduction of lift and the change 
of moment as compared to the non-viscous flow condition. 

The difficulties encountered in achieving the first task are concerned not so much with the calculation 
of the attached boundary layer in the laminar or turbulent state but with the reliability of criteria for 
predicting the onset and extent of transition and hence turbulent separation. It may easily be visualized 
that an inaccurate location of transition leads to wrong initial conditions for the calculation of the fully 
turbulent boundary layer and its characteristics including the location of possible turbulent separation 
even if the method applied is quite satisfactory otherwise. This is especially true in the case where tran- 
sition takes place over a laminar-turbulent separation bubble. The second task above implies the use of ad- 
vanced criteria exceeding the well-known Kutta-Joukowsky condition for the behavior of the external flow 
in the vicinity of the trailing edge. The treatment of the confluent boundary layers forming the wake in 
this region enters decisively into the subsequent recalculation of the entire inviscid flow field and is 
consequently responsible for the success in predicting the fractional drag and the reduction of lift due 
to the presence of the boundary layer. Thus, it must be realized that it is the combination of boundary 
layer calculation methods on the one hand and the utilization of adequate criteria of various types and 
at different stages in the computational process on the other hand which will determine the applicability 
and accuracy of a proposed overall prediction method. 

In what follows an attempt is made to give a rurvey on existing boundary layer calculation methods 
while the various criteria needed to complete the overall prediction method will not be treated in any 
greater detail. 

2. THE BOUNDARY-LAYER CONCEPT 

The concept of the boundary layer as introduced by L. Prandtl [l] in 1904 consists in the realization, that 
the flow around a (more or less streamlined) obstacle such as an airfoil can be subdivided into two distinct 
regions: (1) the main flow in which velocity gradients are so small that the influence of the viscosity of 
the fluid may be disregarded completely, and (2) the thin layer in the immediate vicinity of the surface 
of the body in which the gradient of the velocity in main direction of the flow is so large that a viscous 
shear force according to Newton's friction law t = u(3u/3y) is produced and must be taken into account. 
While in the main region of the flow (which for simplicity may be viewed tc be two-dimensional steady and 
incompressible) the Navier-Stokes equation reduce to the frictionless Euler equations characterized by the 
absence cf vorticity and therefore convertible to the Laplace potential equation. In the frictional region 
close to the wall, i.e. the boundary layer, the Navier-Stokes equations are reduced to Prandtl's boundary- 
layer equations. 

Written in the simplest form, i.e. for a steady two-dimensional incompressible boundary layer the 
equations are: 

(1) T— + -r— -  0  (continuity equation) 

/_v 3u    3u    1 dp  1 3T     ,    , % 
(2) u-r—+VT— = -T- + -T-    (momentum equation). 3x    3y    o dx  0 3y 

Equations (1) and (2) apply equally for laminar and turbulent boundary layers, if in the turbulent case the 
velocities u and v are understood as_being time averaged mean quantities of the respective fluctuating 
velocities u -  ü + u'  and v = v ♦ v'. The pressure-gradient term in Eq. (2) may be expressed by 
Bernoulli's equation as 
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where U = U(x) is the velocity-distribution of the main stream assumed as given just outside the boundary 
layer of thickness S(x), as depicted in Fig. 6. The appropriate boundary condition« then are: 

(•*< y = 0: u = v = 0; lim y * i:  u = U(x) 

The shear stress T -  T(x,y) appearing in Eq. (2) formally as a thin, independent variable is expressed as 

(5) 
3y 

in the laminar case, and by 

(6) T = - p-u'v 

in the turbulent case, which in the boundary layer approximation is the so-called Reynolds shear stress or 
apparent turbulent stress as distinct from the Newton stress expressed by Eq. (5). For large Reynolds num- 
bers, a necessary assumption when using boundary-layer theory, the Reynolds stress in fully developed turbu- 
lent flow exceeds the Newton stress generally by orders of magnitude. It is also usually assumed that the 
Reynolds stress is much larger than the turbulent normal stress which is an implication for Eqs. (1) and (2) 
above to be valid in this simple form. 

For laminar boundary layers the known relation Eq. (5) for the shear stress with the constant mole- 
cular viscosity u completes the set of partial differential equations (1) and (2). Therefore, together 
with the boundary condition, in principle, exact solutiors of this system of equations are possible. The 
boundary-layer equations are of parabolic nature implying that the solution for the unknown variables u 
and v which are to be determined within the striplike domain between the body surface and the external 
flow region can be found by a stepwise marching procedure in the downstream direction. This means that the 
solution at a location x is not influenced by conditions at a location downstream of x, the upstream 
conditions, however, affecting it very much generally. This property is often referred to as the boundary 
layer's memory capability for its upstream "history". 

Exact solutions for the laminar boundary-layer equations have been obtained for a wide range of exter- 
nal pressure (or velocity) distributions of which the similarity solutions are especially important. In 
these cases the external velocity distribution 

(7) U(x) 

allows the system of partial differential equations (1) and (2) to be reduced to one ordinary differential 
equation by removing the x-depen^-nce from the equations which results in "similar" velocity profiles for 
all x-stations (Falkner-Skan nation). These and other exact solutions of the laminar boundary-layer equa- 
tions are fully described for example in the bocks of H. Schiichting [16] and L. Rosenhead [171 . The use- 
fulness of exact solutions for the outer velocity distribution U(x) according to Eq. (7) with continuously 
accelerated (m > 0) or continuously decelerated (m < 0) flows lies in the fact tnat they provide a good 
physical insight into the character of boundary-layer flows in general. Furthermore, approximate solution 
methods designed to be valid for the general case of a laminar layer with an arbitrary free-stream pressure 
distribution can be checked against these exact solutions. In fact, some of the approximate integral method? 
for the laminar case make direct use of the similarity velocity profile family gained by solution of the 
Falkner-Skan equation. 

In order tc formally complete the set of the partial differential equations (1) and (2) also for 
turbulent boundary layers, the Reynolds stress term in Eqs. (2) and (6) is ofte'i replaced by the semi- 
empirical relations known as the eddy-viscosity concept or the mixing-length concept of Prandtl. In the 
former case the Reynolds stress is required to assume the form 

(8) h. 
3y 

where c=c(x,y), the turbulent exchange coefficient or eddy-viscosity, is not a constant but varies from 
point to point. With the mixing-length theorem the Reynolds stress \t  expressed by 

(9) Pi' 
lu 
l»y| 

_3u 
5y 

where the mixing length 1 : t(x,y) is also an unknown function. The mixing length is interpreted as that 
distance which a turbulent fluid lump moves on the average in the y-direction before it is dissolved through 
a mixing process with other lumps and Thus looses its identi' . In a more modern interpretation the mixing 
length is assumed to be a characteristic length scale for the transport of turbulent energy. Usually it is 
tried to further break down the eddy-viscosity c or the mixing length I  and relate them by suitable empirical 
functional relationships to the lateral distance y and the mean velocity and its derivatives. One such 
special assumption is von Kärmän's similarity hypothesis 

U0) UK m/& 
where K denotes an empirical constant. There has been much argument on the validity of the mixing-length 
and eddy-viscosity concepts from physical reasons   (Bradshaw [18] and Rotta [1°]). The most serious objec- 
tion is that the Reynolds shear stress is related to local mean flow quantities only whereas it is actually 
influenced also by the turbulence transport mechanisme, i.e. it should be more closely connected to turbu- 
lent properties of the boundary-layer flow including upstream - or "history" - effects of this turbulent 
process. Mathematically, however, the shear stress term must be related \iltimately to the local independent 
space variables x and y whatever the degree of sophistication of the physical model may be to achieve 
this. 

J. OS THE STRUCTUF.E OF BOUNDARY LAYERS 

Before going further in the description of the main features of the various boundary-layer calculatior. 
methods it seems appropriate to make some remarks on the structure of boundary layers. This is done again 
for two-dimensional incompressible boundary-layer flows giving the oppor'.unity to recapitulate on the 
terminology used in boundary-layer theory. 

■- - 
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3.1 Laminar Boundary Layers 

As its denomination suggests a laminar boundary layer consists of a well-behaved flow of stratified 
laminae of fluid moving along the solid surface of a body, Fig. 7. Although there is a considerable momen- 
tum exchange between neighbouring streamlines through the action of viscosity which produces the shear 
forces the structure of the laminar boundary layer remains unaltered as long as it adheres to the wall. 
The thickness 4 of the boundary layer is determined by the x-wise distribution of th« external velocity U(x) 
just outside the boundary layer. In general the thickness ä increases with x (6~fäe  ; Re = U-x/v in lami- 
nar flat plate boundary layer where U(x) = U, = const.). Physically this is explained by fhe decelerating 
effect of the shearing forces on a lamina of fluid causing the adjacent lamina of higher velocity to be 
pushed outwards in the y-direction. As a  net result of this action the outer flow is displaced somewhat 
away from the wall. The displacement is quantitatively expressed as the defect of mass flow in the boun- 
dary layer as compared to the ideal mass flow in the absence of the boundary layer by 

S 

(11) U«. = 1 (U - u) dy 

where here, for the incompressible case, the constant density p could be dropped. S, then is the familar 
displacement thickness. 

If the prescribed free stream velocity U(x) is increasing i.e. the pressure p(x) decreases in the 
streanwise direction x (dp/dx < 0) the boundary-layer thickness t  (and 6.)  grows only very slowly. Much 
more interesting is the case of increasing pressure or adverse pressure gradient (dp/d* > 0) i.e. decreas- 
ing external velocity U(x). In this case the deceleration of the boundary-layer fluid becomes more pronounced. 
The bounds'y layer now quickly grows thicker and the velocity profile will soon show an inflexion point. 
The gradient Ou/3y) at the wall, uhich is a measure for the local friction force exerted to the wall 
diminishes rapidly with persisting adverse pressure gradient. The eventual loss of all kinetic energy of 
a fluid particle adjacent to the wall under the combined influence of an increasing pressure and the shear 
forces leads to the stagnation of this particle. As a consequence the particles on a neighbouring stream- 
line are forced to leave the surface and follow some path just above a dividing streamline which separates 
fluid coming from the upstream region from fluid that is, of necessity, being pushed in from downstream in 
a reversed flow. This is the phenomenon of boundary-layer separation. At the point of separation the dividing 
streamline intersects the wall at a finite small angle o determined by the relation 

(12) tg 0 = - 3 
Wx/xs 

{§ 
and the point of separation itself is determined by the condition that the velocity gradient normal to the 
wall vanishes there 

(13) 
(« y=C 

x=x. 

=0  or  tH(xs) 

The appearance of an inflaxion point in the laminar boundary-layer velocity profile usually signalizes 
the inclinition of the boundary layer to be unstable against small disturbances, i.e. at a sustained ad- 
verse pressure gradient, dp/dx > 0, the boundary layer will turn into its transitional state. Transition 
of this boundary layer from a pure laminar state into the fully developed turbulent state takes place over 
some distance in the streanwise direction, this transition length being mainly dependent on the outer pressu- 
re variation, on the roughness of the surface, and on the turbulence level of the outer stream. The onset 
of transition is marked physically by the appearance of an irregular and intermittent sequence of laminar 
and turbulent regions (turbulent spots). The theoretical prediction of transition onset is the subject of 
boundary layor stability theory, the first remarkable success of which are connected with the names of 
W. Tollmien and H. Schlichting [20] who were able to calculate the critical local Reynolds number Re - Uä./v 
for neutral stability on a flat plate boundary layer. The streamwise location x. of this theoretical point 
of instability lies ahead of the actual region or point of transition. The transition point may be charac- 
terized to be that point n the streamwise direction at which the regular oscillations appearing downstream 
of the instability point suddenly break down and are transformed into irregular patterns of high frequency 
which are characteristic of the fully turbulent motion. 

It is not intended to go any further into the details of boundary-layer transition. Critical reviews 
of the subject of boundary-layer stability and transition were given by Betchov and Criminale [21], and 
Orremski et al. [22]. However, some remarks in view of an actual prediction method seem to be appropriate. 
There still is no ratioial method in existence to accurately predict transition from laminar to turbulent 
boundary-layer flow. Most of the earlier boundary-layer calculation methods make use of the concept that 
transition takes place instantaneously at a transition point the location of which is taken as the point 
of minimum pressure or the point of instability which is determined roughly from correlation curves 
connecting the critical local Reynolds number based on the boundary-layer thickness with the local pressure 
gradient. In more refined methods the actual transition point is taken as being downstream of the instabi- 
lity point by an mount takan from an experimental correlation curve such as those of Granville r23] or 
Smith and Gamberoni [2t],and the most advanced methods realise the fact that the transition from l.j .or 
to turbulent flow takes place over some finite surface distance. This is accomplished by slowly activating 
the turbulent eddy-viscosity c over a finite surface length as based on an intermittency factor proposed 
by Chen and Thyson [25] which accounts for f>e intermittent appearance of turbulent regi >ns in the transi- 
tion region. 

The transition mechanism dealt with above was concerned with boundary layers which remain attached 
during the transition process. As has been mentioned earlier transition may alternatively take place through 
the mechanism of a laminar separation bubble followed by turbulent «attachment. A basic review on this type 
of transition has been given by Tani [26]. Again the incorporation of criteria for a quantitative prediction 

■MM« 
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of thi» type of transition relies heavily on experimentally observed correlation curves between bubble 
lengtht a suitable chosen pressure gradient coefficient, anrf the boundary-layer thickness at th» point of 
laminar separation such as those given by Crabtree [27], Owen and Klanfer [28] and Gaster f29]. 

3.2 The Turbulent Boundary Layer 

Let us now turn to a description of the main features of the fully developed turbulent boundary layer. 
It is characterized by the very vigorous mixing of fluid contained in it, where the velocity vector and 
other quantities like pressure, density and temperature (in the compressible case) fluctuate randomly with 
respect to space and time. Thus in a nominally two-dimensional turbulent boundary layer there is random 
motioa also in the lateral direction. In contrast to the laminar boundary layer a single momentary obser- 
vation in a turbulent boundary layer would never give a repeatable result. Consequently the turbulent 
boundary-.layer flow can only be described in terms of statistical quantities. Therefore the quantities 
u,v,p and p in Eq. (1), as already mentioned are statistical mean quantities. 

Despite the radically different internal structure of turbulent boundary layers their general behavior 
and development under the influence of the free stream velocity or pressure variation resembles much to that 
of a laminar boundary layer. With pressure decreasing in the x-direction the turbulent boundary layer grows 
slowly in thickness, although at a faster rate (6~ X1*'  as compared to &~  X1''2 in the laminar case for 
flat plate boundary layer) while in a persisting adverse pressure gradient flow it eventually will separate 
from the wall. However, with the very vigorous mixing action present in the turbulent boundary layer trans- 
fer of kinetic energy from the external flow is much greater than for laminar boundary layers insulting (1) 
in the fuller velocity profile u(y), (2) in the capability tc endure much larger pressure gradients, and (3) 
in higher fractional drag forces on the wall. 

Returning to the structure of the turbulent boundary layer, I do not intend to review the complicated 
theory of turbulence but I shall rather limit myself to the description of a generally accepted model of 
the turbulent boundary layer. For a full account of turbulence theory I may refer you to the recent publi- 
cations by Bradshaw LlB] and Rctta [19]. Figure 8 shows a sketch of the turbulent boundary layer which may 
be regarded as a momentary picture of the vortex-like or eddying motion, the mean velocity profile being 
also indicated. From this at first sight it would seem to be impossible to deduce any principle of order. 
However, as we know, the mean boundary-layer thickness grows in the streamwise direction which means that 
a permanent entrainment of originally non-turbulent high-energy fluid takes place. This capture of fluid 
from the frse stream is achieved by tangential viscous shear forces acting along the distorted and "wiggling" 
but distinct boundary layer edge   which has been named therefor3 the "viscous superlayer". The high 
energy is then transported to the inner parts of the boundary layer by the largest turbulent eddies of a 
sire in the order of the mean thickness J of the boundary layer which enables them to be in contact with 
the irrotational outer flow in the first place. The turbulent energy is then exchanged among the eddies of 
smaller size which are forming and disappearing constantly. It is assumed that eddies of all sizes are 
present but that eddies of widely different sizes have no direct influence on ejeh other. An eddy of given 
size exchanges energy at an appreciable rate only with another eddy of nearly the same size. The energy ex- 
change thus is comparable with a cascade process in which the biggest eddies lose energy to eddies one order 
of magnitude smaller, which lose energy to smaller eddies in their turn, and so on until the eddies are so 
small that they lose so much energy by direct action of viscous stress that no smaller ores can be formed 
so that at last all energy is converted into heat by direct viscous dissipation. The physical mechanis..» 
invoked for this cascade process is that of stretching of the eddies, which may be envisaged as line 'ortex 
elements, by the gradient of the mean velocity. Therefore the largest eddies can best interact with th> mean 
flow as compared to small-sized eddies. Thus the 1-Tge eddies whose lifetime is also large carry most of 
the turbulent energy and Reynolds stresses while the scale of the smallest eddies is determined by the magni- 
tude of the molecular viscosity. 

3.3 The Reynolds Stress Equation 

It is now clear that the turbulent shear stress needed in the momentum equation, Eq. (2), is not 
likely to be determinable from consideration of mean flow properties only, such as the mean local velocity 
gradient as suggested by the eddy viscosity concept or the mixing length concept. For this reason turbulence 
research workers as Bradshaw and Rotta demand the use of transport equations which can be derived from the 

quantity such as the Reynolds stress 
energy 1/2 q" = 1/2 (u" + v" + »'*) can, in principle, te described. 

Since the Reynolds stress enters the boundary layer momentum equation directly, let UF consider the appro- 
priate transport equation. For a two-dimensional turbulent incompressible boundary o - const  we have: 

Navier—Stokes equations and by which the transport of any turbulent qua 
-OJ'V' or the turbulent kinetic energy 1/2 q'2 = 1/2 (u*2 + v"2 + w"2) 

(It) 
i  urv 

ax 
a u^ 

5y 

advection by mean flow 

1 3 p'u' 
P  »y 

transpo t by 
velocity 
fluctuations 

„<2 3u si TEL 
c  \3y 

generation 
by interac- 
tion with 
mean flow 

3v f) 
redistribution by 
pressure fluctuations 

v (u*V2v'  + v'V2u') 
*        * ' 

destruction by 
viscous forces 

The physical meaning of the different terms is indicated.   

Similary, the transport equation for the turbulent kinetic energy q'2/2 reads: 

(15) ■  ""~ : 0 

advection production transport by   viscous 
diffusion    dissipation 
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Also transport equations for other turbulent fluctuating quantities such as u'*, v" and v." can be derived 
which all have the same structure as the above equations (It) and (15). To make these equations soluble one 
must represent the individual terms by empirical functions of the Reynolds stress. This is what is often 
referred to as "modelling" or "closure" of the transport equations. 

It is not my intention to go try further into the details of modelling the turbulent transport equa- 
tions. I just wanted to indicate the general feature of this approach to complete the momentum equation, 
Eq. (2). by introducing additional parvial differential equations pertaining to the Reynolds stresses in- 
stead of purely empirical formulae. However, I would like to draw your attention to one point. For high 
Reynolds number boundary layers the assumption can be made that in the transport equation for the turbulent 
energy, Eq. (15), the production of energy is equal to the dissipation, with all other terms negligibly 
small. This means that whatever amount of turbulent energy is produced by the lerge size addie» and trans- 
ferred from big to small eddies will be dissipated by viscous action eventually. The controlling parameter 
then is the production tern, and energy dissipation is independent of viscosity. Then c, in Eq. (15) can be 
expressed by the relation 

(16) (?r- 
where L is a length scale of the big eddies and c is a dimensionless proportionality factor. With the additic 
nal assumption made by P. Bradshaw [30] that the ratio of the Reynolds sheai  -»-ess to the turbulent energy 
is constant, i.e. 

(17) (a = const.) 

arid equating c from Eq. (16) with the production term from Eq. (15) one arrives at the expression 

N2 
(18) •(f) 
with c? = (2a)3/c2. This relation is identir-->l with Eq. (9) for the mixing length concept, if I -  c, • L. 
The derivation of the mixing length formula from the transport equation for the turbulent kinetic energy, 
Eq. (15), seems somewhat artifical, it shows however that the required information on the Reynolds stress 
can be obtained from these equations which relate one turbulent quantity to another turbulent quantity, as 
in Eq. (17), and that under special assumptions the same relation is retrieved which originally has been 
an hypothesis. In the case of high Reynolds number boundary layers the mixing length formula turns out 
indeed, to be a good approximation, for other cases of thin shear layers as the turbulent wake or jet flow 
it might not be so adequate (see [18], [l8a] and [19]). Calculation methods which are based on the system 
of partial differential equations embracing both, those for the mean flow velocities, Eqs. (1) and (2), 
and those for the transport of turbulent quantities such as the Reynolds stress, Eq. (If), and the turbu- 
lent kinetic, Eq. (15) are called turbulence field methods. Some of these methods will be listed later. 

3.4 The Two-Layer Model 

Having recognized the usefulness of the mixing length concept it is appropriate to recapitulate its 
consequences on the boundary layer velocity profile. In the case of incompressible two-dimensional flow 
over a smooth surface and in the absence of strong x-wise pressure gradients, the shear stress is almost 
independent of distance from the surface and equal to the wall shear stress T„. For the mixing length I, 
being a measure for the size of the eddies in the vicinity of the wall, the reasonable assumption is made 
that it is proportional to the distance y from the wall, 

(19) t:Ky  . 

Introducing this into the mixing length formula, Eq. (9), one has 

(i.0) 
irw  „   3u 
io 3y   T 

which integrates to the familiar logarithmic velocity profile 

(21) - - i*P4 ♦ c u    K   \ v / 

where K = 0.4 is the v. Karman constant, and C = 5.0 is an integration constant determined from experiment. 
In Eq. (20) u  is the so-called shear stress velocity, being introduced as a convenient measure of the 
constant wall shear stress T„. The range of validity of the law-of-the-wall, Eq. (21), extends from about 
1 to 2 % of the mean total thickness i  (see Fig. 8). The usual representation of the law-of-the-wall veloci- 
ty distribution is that in a semi-logarithmic plot as in Fig. 9a, which shows the velocity distribution "'u 
according to Eq. (21) together with experimental results according to Coles [31]. 

The narrow region from y = 0 at the wall to about 0.2 %  of 6  is not included in the velocity distri- 
bution of the 'w-of-the-wall. In this region the turbulent eddy motion is more or less damped out as a 
consequence o;  it adherence condition u(0) = 0. This very thin layer is essentially laminar and it must 
carry the constant shear stress TW as a laminar shear stress to the wail very much like a Couette flow 
between a stationary and a moving parallel wall. The distribution of velocity in this viscous sublayer is 
accordingly a linear one 

(22) 
u.y 

which is shown also in Fig.  9a. A continuous sirgxe function for the velocity distribution u/u    extending 
right from the wall y = 0 which comprize' the linear relation, Eq.  (22),  is well as the logarithmic part 

aE^tamariTi—iinw ■ - 
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according to Eq. (21), can be achieved by modifying the linear relation for the nixing length, Eq. (19), 
suggested by van Driest [32] 

(23) *y 1 - exp (-£)] 
where the empirical value A = 26 gives good agreement with experiment. 

The out«? portion of tL» boundary layer, which extends from about y = 0.2-S up to the outer edge 
y = 6  (see Fig. 8) does not obey the law of the wall. This is best seen by replotting in Tig. 9b the curves 
of Tig. 9a to show the velocity defect (U - u)/u as a function of the wall distance y/S, where &  is taken 
to be that point for which J/U = 0.995. Also shown is the law-of-the-wall curve as the straight line in 
this semi-logarithmic graph. Comparing the experimental data with the logarithmic law on« observes first 
that they deviate from it appreciably in the region 0.2 < y/6 < 1, and second that the experimental curves 
for the two different Reynolds numbers fall together into one single curve. For this behavior of the outer 
portion of the turbulent boundary layer D. Coles [33] has developed his wake model also called the law-of- 
the-wake. Under this concept the whole boundary layer is visualized essentially as a turbulent half-wake 
flow which is constrained by a wall. The wake-like behavior if apparent from the intermittent character of 
the outer boundary layer where, at a fixed distance y/i < 1, turbulent flow is alternating with rotation- 
free flow. Furthermore the outer velocity profiles are quite sensitive to external pressure gradients dp/dx. 
On the other hard, the logarithmic inner part of the boundary layer is almost completely defined by the 
magnitude of the wall shear stress x„ appearing as the shear stress velocity u =FTU/P" in the velocity 
distribution, Eq. (21). 

From this idea of two distinct scales determining the turbulent boundary layer flow C >les developed 
a two-parametric standard representation of the velocity distribution by extending the logarithmic part to 
include an additional wake part. 

(2<0 u— ii-PS'Cvt.-G)  • 
where w(y/6) is Co'es' wake function which may be approximated by either of the two following equations 

(25) 

or 

(26) 

w (i) = u(n) = 1 + sin [| (2n - 1)] 

w(n) = 2 sin2 (fn) . 

In Eq. (21) n is a new parameter which will determine the magnitude of the wake-part and which is depen- 
dent strongly on the streaowise pressure gradient. In Fig. 10 the composition of a complete bo mdary-layer 
profile is illustrated. 

The standard two-layer velocity-profile representation in the form of Eq. (21) plays an important 
role in the boundary layer calculation methods which are based on the integrated form of the boundary layer 
equations. Thus e.g., on putting u = U, the free-stream velocity, and y = 6 the local friction law is ob- 
tained in the form 

(27) In GO- 2 

Given the constants K « 0.H,    C • 5.0 (for a smooth wall), and the kinematic viscosity v as well as the 
local free stream velocity U = U(x) the last equation determines any one of the three parameters u , J, 
and R if the other two are known. For instance, the local skin friction parameter 

(28) (W 
is expressible by Eq.   (27) as a two-parametric function 

(29) °f = ef    (*'n )     '- cf (H12- R,«2) 

Just as we replaced here the wall shear velocity u by the local skin friction parameter one may replace 
also 6 and H by suitable other form parameters, as indicated in Eq. (29). Ths most commonly used form 
parameters are the thickness ratio H,, = *,/5j 
momentum thickness S.. 

and the local Reynolds number Re., = £, • U/v based on the 

Since we nave derived the law-of-the-wall, Eq. (21), for the inner boundary-layer region from the 
mixing-length concept one might expect that also the outer region can be adequately described by it. This 
is indeed possible if one assumes the mixing length to be constant, i.e. 

(30) i : X 

where 1 » 0.09 is a constant. This constant mixing layer assumption was applied to the case of plane tur- 
bulent mixing layer of a uniform flow over a region of quiescent fluid by W. Tollmien [3H] and by Spalding 
and Patankar [35]. Properly scaled the solution for velocity distribution is almost identical with Coles 
wake function giving strong support to the applicability of using the constant mixing layer concept to the 
outer part of the turbulent leundary layer. 

Equally it has been shown by application in boundary layer calculation methods (e.g. by Cebeci- 
Smith [36]) that also the use of the eddy-viscosity concept according to Eq. (8) results in an adequate 
representation of turbulent boundary layers. Noting from Eqs. (8) and (9) that c can be expressed in 
terms of mixing length as 
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(31) Pi* 
9u 

this is not surprising froa tit« discussion show on nixing longth. Again the algebraic «xprsssions for th« 
eddy viscosity Hill differ in two rsgions of th« boundary layer. Tor th« inner wall layer the eddy viscosi- 
ty is usually taken to be that resulting froa Eq. (31) with the nixing layer t varying linearly with 
distance froa the wall as given in Eq. (19) or with the van Driest extension as given in Cq. (20). Thus 
the eddy viscosity formulation for the inner region of an incompressible boundary layer is 

"4— W» (33) t  = D 

For the outer region the eddy viscosity is taken to be a local constant of the form 

(33) t s k • p U(x) «jU) 

where the constant k 
placement thickness. 

■ 0.0168, U and 6. are the local values of the free-stream velocity and the dis- 

». MUNDART LAYER INTEGRAL EQUATIONS 

In the foregoing paragraph soaa aspects of the structure and general behavior of boundary layers in 
two-diaansional incompressible flow have been discussed. The starting point has been the system of partial 
differential equations, Eqs. (1) and (2), which form the basis for the so-called direct calculation methods 
using some finite difference computational procedure. These methods have become feasible only through the 
use of high-speed computers with appreciable memory capacity. Because of the difficulty of solving partial 
differential equations without a computer the methods developed earlier, especially those for airfoil boun- 
dary-layer calculations are based on the integral relationships that can be obtained from the basic equa- 
tions (1) and (2). Since these so-called integral methods ere, and will persist to be in use, it is proposed 
to briefly outline their main features. 

A general way of obtaining integral relations (see e.g. Thompson [37]) is to multiply the boundary 
layer aoaentua equation, Eq. (2), by the product u y (a,n -  0,1,2,3...) and to Integrate over the distancey 
froa the wall to the boundary layer edge. The velocity component v is eliminated by means of the conti- 
nuity equation, Eq. (1), beforehand. A doubly infinite family of ordinary differential equations (depending 
on the integer values for m and n) are formally obtained called the moment-of-momentum equations. In 
general only the first two members of this family are used in calculation method:. Omitting all the mathe- 
matical manipulations of their derivation, these are 

(3*) dx ♦ (H12 ♦ 2) 
62  dJ(x) . 

war  dx   * cf 

the aoaentua integral equation (a = 0,n -  0) and 

d6,      «, 
(3S) "3       "3  dU(x) . „ 

dx     J ÜTxT "dx- " CD 

the kinetic energy integral equation (m = 1, n s 0), with the following definitions (including j, from 
Eq. (ID) 

(36a) Sx  s j (1 - u/U) dy; 

o 

(displacement thickness) 

(36b) 6_ =    (u/U) (1 - u/U) dy;      (momentum thickness) 

(36c) 63 =  j  (u/U) [l - (u/U)2] dy,    (energy thickness) 

(37a) 

(37b) 

(38a) 

H12 = il/i2    (I H> 

H„ = J3 /«, (= H
+) 

(shape factors or form parameters) 

(skin friction coefficient) 
PU< 

(38b) -  2       I     ftlul, (energy dissipation coefficient) 

With th« definition of th« local Reynolds number based on momentum thickness 

(39) Re62 
V" 
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the momentum integral equation (34) can also be written as 

d Re,, Re 
(»0) ds   * (Hu M) T" s ' ; r 

In the laminar ease the velocity distribution in the boundary layer can be represented by a polynomial 
of the form 

(41) JJ -  an ♦ bn2 *  en3 + dn1* (0 < n r £ <  l)    , 

as used in the Karmän-Pohlhausen method, which when introduced into the definitions (36a), (36b), (37a) 
and (38a) and into the momentum integral equation (34) finally results in the single ordinary differential 
equation 

(«2) 
d(«j</v) 

Si— nor FU) 

which can be solved for a given free-stream velocity distribution 'J(x). In Eq. (42) F(<) is an algebraic 
function sometimes called the auxiliary function. A linesr approximation for this function is 

(43) F(K) Z  a - b (a * 0.17, b = 6) 

which, when inserted into Eq. (42), allows a simple quadrature giving the well-known formula 

(44) «2(x) 
0.47-v 

U6 J 
x=0 

U5 dx 

applicable for the approximate calculation of laninar boundary layers. 

The reason for reviewing this Kärmän-Pohlhausen laminar method (for details see K. Schlichting [16]) 
is to po.nt out that the momentum integral equation (34) can be solved with the help of one additional 
auxiliary function F(ic), the argument <   of which can easily be represented as a function of H,_ and e_. 
This pattern for a solution procedure is seen to be followed in almost all integral methods, also in the 
turbulent case. However, the auxiliary relation needed usually is not an algebraic function but an ordinary 
differential equation of the form 

(45) . "«12 
42"dx~ fl lH12' Re52'ITdx") 

An equation of this kind will account for the second term in Eq. (34). The only unknown left then is the 
local skin friction coefficient c-. Fortunately this can be related to the local velocity profile quite 
accurately by means of a relationship of the general form 

(46) f2 IV ~'(i2l Re. = 0 

of which Eq. (27) in connection with the standard turbulent two-layer model would be an example. Other well- 
known examples are the empirical skin-friction formulae by Ludwieg and Tillmann 38 

-0.678-H 
cf - 0.746 10 12 -0.268 

<«•«> = 0 (47) 

and by Squire and Young   [39] 

(48) cf - 0.0576 •   flog (4.075  ■ Re^)]       = 0    . 

Note that in the last formula any dependence of c, on H,, is neglected, which will lead to too large values 
of c.. near separation of the boundary layer. 

The auxiliary equation of the type of Eq. (45) need not have H _ as the main dependent variable. 
There are other shape factors in use such as the energy thickness ratio H  defined by (37b). If H,„ is 
to be used, then the auxiliary equation is derived from equation (35) for the integral mean kinetic energy. 
This approach seams to have been particularly favoured by German research workers such as Truckenbrodt [40], 
Wals [41], and Rotta [42]. By combining Eq. (35) with Eq. (34) the appropriate auxiliary equation is ob- 
tained in the form 

(49) 
. "«32 
42-dT 

v2 dU 
1 (K12 " l)  H32 D~ 3* + "T> " 2 H32 ' °f 

where for the dissipation coefficient c-, defined in (38b), different empirically established relations 
can be used. An early suggestion by Truckenbrodt [40] is 

1 

(50) Op = 0.0112 • (Re2) 
6 

It is based on the evaluation of a number of non-equilib ium boundary layers. A more refined relation is 
one which can ba derived from Eqs. (34) and (35) assuming the magnitude of H,_ to be independent of x 
(ace Rotta [43]) 
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(51) 

Hare B 1* the so-called equilibrium parameter and is implicitly related to H., by a formula suggested 
by Nash [m>] 

H12 _1        / ' (52)   )        | : 6.1 • V6 ♦ 1.81 - 1.7  . 

«12^ 

Using Eq. (47) for c£, e. can be calculated as a function of H,, and Re., thus completing the system of 
the two ordinary differential equations, Eq. (31) and Eq. (U9), which then can be solved simultaneously 
by a Rcnge-Kutta procedure delivering as output all interesting boundary layer parameters such as c. and 

*r 
Another relatively modern approach is that introduced by Head Us] in his famous entrainment method. 

Head departs from the continuity equation (1) which on integration over y from y = 0 to y = 6 and using 
the de.initicn for displacement thickness, Eq. (36a), gives 

(53) |j [U (a- tj)]    --  ve = U • Cj. (Hx) 

where v is the normal velocity (in y-direction) at the nominal outer edge of the boundary layer, also 
called the entrainment rate, and H is a new form parameter defined as 

6-4 
(51») K. = -r-i- 

1    *2 

The physical interpretation of Eq. (53) is that the mass flow in the turbulent boundary layer is a function 
of the large scale eddies, characterized by the length scale i  - a, referenced to the momentum thickness S_. 
The form parameter H is correlated to the usual form parameter H , by the empirical relationship 

-2.715 
(55a) Hx x 1.535 (H12 - 0.7)      + 3.3 

while the funtional form of the entrainment rate coefficient cE is taken to be 

-0.653 
(55b) c£ s 0.0306 (H1 - 3) 

Both, Eq.(SSa) and Eq.(SSb) are curve fits of Head's original charts for c_. and H, as gained from experi- 
ments. It is interesting to note that the entrainment equation (53) can be brought into the general form 
of the auxiliary equation (<o) giving, with the help of Eq. (34), 

dH,-    dH,_ , 

<56' s2^x-=udH7  cE-»iffdir(uV 

With Head's method very good results are obtained for airfoil-ty^e boundary-layer flows predicting also 
separation quite well. The method was improved more recently by Head and Patel [t6] whereby the development 
of H . with x conforms better to fiows with high shear stress, i.e. high entrainment rates and to decele- 
rating flows in strong adverse pressure gradients. 

The integral methods mentioned so far are all based on empirical relationship between local quantities 
at one given station x, taking account of the upstream history only through the auxiliary equation which 
physically provides a measure for the deformation of the velocity profile as it develops with x. Turbulence 
properties enter the equation only through empirical information on the skin friction, for example Eqs. (U7) 
and (>t8), and the dissipation coefficient, Eqs. (51) and (02), and these are connected to local mean flow 
properties. From what has been discussed in the previous chapter on the need for using the turbulence trans- 
port equations in order to adequately describe the history effects, when using complete (differential) 
methods, it appears necessary to also incorporate turbulence transport equations In integral methods. 

This has been attempted by several authors, e.g. McDonald and Camarata 0*7], Hirst and Reynolds [us] 
with the most recent development, I know of, by J.E. Green et al. [«9]. All these methods start out by con- 
sidering the transport equation for turbulent kinetic energy, Eq. (15), to gain an additional ordinary 
differential equation that will describe the streamwise change of the turbulent shear stress. The approach 
to achieve this, however, is quite different for the references just quoted. In [47] the turbulent kinetic 
energy transport equation is used in an integrated form yielding an equation which governs the variation 
of the mining-length distribution in the x-wise direction. The two other integral equations used are the 
momentum integral equation, Eq. (3u) and a y-moment-of-momentum integral equation (m = 0, n = 1). 

Hirst and Reynolds [t8j also use the integral turbulent kinetic energy equation as a starting point 
a-d, by an assessment of the relative importance of the terms contained in it, arrive at a relatively simple 
equation for the turbulent energy balance in the outer region of the boundary layer, i.e. balance between 
the net downstream convection of turbulent energy and the turbulent energy locally supplied to the outer 
layer form the inner region near the wall, 

const • u • Q2 (57) ITCTO'-
1
)' 

ies Q and I a 

i 

Y I  u q' 2 dy 

when the integral quantities Q and I are defined as 

6 

(58) Q" 

o 
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and 

(59) 

S 

= j u dy U (6 V 
By postulating that the entrainnent rate v = dl/dx according to Eq. (S3) is linearly related to the square 
root of the turbulent kinetic energy an ordinary differential equation for the entrainment rate is obtained 
fro« Eq. (57) 

(60) fctf-0 
where K -  0.1« is an empirical constant. Thus this "turbulence model equation", Eq. (60), the entrainment 
equation, Eq. (53), and the momentum integral equation (3U) together with Eq. (27) as a matching condition, 
form the system of ordinary differential equations to be solved. 

In the new method of Green et al. [u9] consideration of the turbulent kinetic energy equation starts 
out from its differential form as used originally by Bradshaw, Ferris and Atwell [50] in their famous finite 
difference method. By again assessing all terms an ordinary differential equation for the maximum shear 
stress cccuring within the boundary layer is derived. By invoking also a universal relationship between 
the cf-value of this maximum shear stress and Cj.., an ordinary differential equation is obtained 

(61) «, (H, K12) dx s F 
2 dU 

dx 

called the "lag equation" which is a rate equation for the entrainment coefficient c^.  The use of Eq. (61) 
requires some additional empirical relations for H. as a function of H  and c_ as function of the friction 
coefficient c. for the flat plate boundary layer as well as some empirical formulae for the equilibrium 
values of Cj. and (4,/U) dll/dx. The joint solution then of the momentum integral equation (3U), the entrain- 
ment equation in the form of Eq. (56) and the above lag equation (61) completely determines the develop- 
ment of the boundary layer. This method was extended to wakes which seems to make the method especially 
attractive for the aircraft aerodynamicist. Green's report [U9] also contains the complete scheme of the 
calculation procedure for the compressible case. 

Another assumption to include the history effect is due Rotta [*3]. The reasoning is that the dissi- 
pation coefficient c-, needed in the energy integral equation (35) when this is used as the auxiliary equa- 
tion, does not immediately react to changes of the turbulent velocity profile and of the pressure gradient. 
To account for this relaxation effect c- as calculated at station x is considered to be the effective 
value for the downstream station x t Ax. The lag length Ax is assumed to be four times the local boun- 
dary-layer thickness 6. This assumption is plausible in as far as this distance corresponds roughly to the 
decay length of a turbulent eddy. Substantial improvement could be achieved by this simple principle. 

5. CLASSIFICATION OF CALCULATION METHODS 

From the discussion in the preceding section a classification on the existing boundary layer calcula- 
tion methods can be inferred. Table 1 summarizes schematically the procedure for a boundary layer calcula- 
tion. The problftji at hand must be properly defined: (1) by the general flow characteristics, i.e. the un- 
disturbed free-stream velocity and the Reynolds number based on a characteristic length scale, (2) by the 
initial conditions for a wnll surface point from which the calculation is to be started, and (3) by the 
boundary conditions, the most important of which is the given velocity or pressure distribution at the outer 
edge of the boundary layer as obtained by potential theory. The desired result is the determination of all 
boundary layer parameters, as indicated, of which, from the engineering point of view, the skin friction 
coefficient c.(x) and the displacement thickness 6Ax)  are the most important ones. Equally important is the 
prediction of the locations of the transition point x and the separation point x. which may be laminar or 
turbulent. 

Problem 
definition: 
(Input) 

General flow characteristics 

U , L, v, Re 

Initial conditions: 

at x - x o 
u = u(y);  i,  «1,    «2,  H12 

Boundary conditions 

aty = 0:u=v=0 

at y = t  : U(x) or p(x) 

Result 
(Output) 

1.) Solution at all x > x for: 

Velocity profile u(x,y) 
Boundary layer 

thickness: 
Skin friction: 

«•We, 

2.)  Prediction of 

Transition point x      or transition-zone 

laminar separation 

Form parameters:    II 12' H32 

point: X,. 

turbulent separation- 

Point:\s  

• if existent 

Solution 
rrocedure__ 

Mathematics 

Complete Field Methods: Integral Methods: 

Numerical solution of the partial 
differential equations for 

.S9D!iryi!¥_S2ä_5°!PSD!äü)  

Reynolds stress -o u'v' 

Numerical solution of coupled ordinary differential 
equations for momentum integral and appropriate 

Physics on Skin friction c, 
e.iergy dissipation integral cD 
entrainment c_ 

Table 1: Boundary layer calculation scheme 

 ,  
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Mathematics Numerical solution of the partial differential equations of continuity and momentum 
by finite difference procedures 

Physics Derivation of the Reynolds shear stress -p u'v' coupled to characteristics of the 

Mean flow field. Reynolds stress determined   Turbulence field. Reynolds stress determined 
by empirical algebraic relations for 

Eddy viscosity  Mixing length 

from differential tra.isport equations for 

Eddy viscosity   . . «*»*•« '                          kinetic energy 

Assumptions 

c st (y) at xsconst 

!!i (x,y) -B u'v' = k • g' * or 

-pu'V = k -/pl~ 

Authors 
(representative) 

Mellor-Herring [si] Spalding-Patankar [35] 
Cebeci-Smith  L36l 

Nee-Kovasznay 
[52] 

Bradshaw-Ferris 50 
Beckvith-Bushnell 53 

Table 2: Complete Field Methods 

In order to perform a boundary layer calculation one must decide on the calculation method to be used. 
A gross criterion for distinction between the calculation methods is given by the mathematical solution pro- 
cedure, i.e. wether one uses a so-called Complete Field Method or an Integral Method. The former involves 
the numerical solution of the partial differential equation for continuity and momentum directly while the 
latter embraces the numerical solution of ordinary differential equations for the momentum integral and 
some suitable form parameter. In laminar boundary-layer calculations the direct methods need no further 
input since the stress term 3t/3y is uniquely defined by Newtons law T S u(3u/9y). In i tegral methods, 
however, some empirical information on the velocity profiles to be inserted and the lam-iar wall shear stress 
T„ is needed usually being supplied from local similarity conditions as obtained from exact laminar solutions. 
For turbulent boundary layers both methods need empirical input concerning the turbulent or Reynolds shear 
stress i'i the direct methods and concerning the skin friction coefficient, the energy dissipation integral, 
and the entrainment coefficient in the integral methods. 

As has been pointed out previously a second distinction between methods may be made by asking wether 
this empirical information is obtained from consideration of mean field quantities or from consideration of 
the turbulence quantities. This criterion will then again divide each type of methods (complete or integral) 
into two branches. For the complete methods table 2 indicates this distinction. Eddy viscosity and mixing 
length methods normally are based on empirical expressions for c and t in which mean field quantities such 
as the derivatives of the mean velocity are appearing (see Eqs. (23) and (32), (33)). The second group of 
complete methods utilizes turbulence transport equations for the determination of the Reynolds stress. Trans- 
port equations may be formulated for eddy_yiscosity e as for example in the Nee-Kovasznay method or, more 
usually for the turbulent kinetic energy q'2 which then necessitates a postulated relation connecting this 
quantity to the Remolds stress. Two such relations are stated in table 2. The last row of the table lists 
the origin of so*„ methods representative for the different treatment. 

In table 2  a tentative survey on the integral methods is made. The empirical input concerning the 
physics of turbulence consists of correlation function for the skin friction coefficient c«, the integral 

Mathematics Numerical solution of coupled ordinary differential equations 
for the momentum integral and one or more form parameters 

Physirs 1.) Correlations between integral properties: 

Cf Z  Cf (H12> Re«)S  CD = CD (Cf H32);  =E = "i: (Cf Hl) 

2.) Auxiliary differential equations for form parameter H: 

{2 £= FVlTa7 ' H ' Re«2 • "x) 
where: H = H12, H32, Hj and c^ -  cf, cD, Cj. 

Auxiliary equation 
developed from 

mean flow integr 

energy 

al equation for 

entrainment 

r 
moment of 

'    momentum 

turbulent property  j 
equations for 
kinetic energy      j 

Assumptions 
concerning 

CD CE '    cf (c or 1) 

|    cD (c or I) 
1 

51*' Ed« V °L 

Authors 
(representative) 

Truckenbrodt      [<»0] 
Rotta           Ü3] 
Walz-Geropp-Felsch [5i»J 
Alber           [55] 
Zwarts           [56] 

Head-Patel    [>*6l 
Michel-Quemard 157] 

! McDonald      [K7] 

Nash-Hicks    [58] 
Herring-Mellor [5l] 

Hirst-Reynolds [i»8]  | 
"J Green et al.  [t9]  1 

1(history effects from| 
'the turbulence field)! 

Table 3: Integral Methods 

KM —  
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energy dissipation coefficient cn, and for the entrainment coefficient c,.. Furthermore, an auxiliary ordi- 
nary differential equation for the development of a typical form parameter H is needed, the functional form 
of which depends on the empirically based correlations between the pressure gradient parameter (S./UHdU/dx), 
tV form parameter H being considered, the local Reynolds number Re, and one at the coefficients c-,  c„ 
or Cg. One nay now make a distinction between methods in which all correlation functions used in the auxi- 
liary equation are developed from mean flow integral equations or from equations for a turbulent property. 
Thus, if the integral energy equation is used this involves assumptions on the functional relationship of 
the dissipation coefficient cD with the form parameter H„ while with integrated continuity equation an 
assumption for the functional relationship between the entrainment rate c_ and the form parameter H, is 
needed. In this category of methods are also included those methods which utilize integrated forms of higher 
moments-of-aomentun where it is possible to incorporate algebraic formulae for eddy viscosity or mixing 
length into the functional form of the integral coefficient under consideration, e.g. the shear stress in- 
tegral and the energy dissipation integral. Trie second group of integral methods relies on true turbulence 
property equations i.e. mostly the transport equation for turbulent kinetic energy- From it e third ordina- 
ry differential equation is developed which will provide for the dissipation coefficient or entrainment co- 
efficient needed in the auxiliary equation and the basic momentum integral equation. 

The distinction between integral methods based on mean flow integral equations and on turbulent pro- 
perty relations is not so clearcut as for the direct methods. Thus, some of the moment-of-momentum methods, 
e.g. McDonald and Camarata [47], employ a differential equation of the turbulence as a basis to account for 
history effects ist  a similar way as for the methods of Hirst-Reynolds 48 and Green et al.[49]. This is 
indicated by the dotted line around the two last columns of table 3. Much more information on the classi- 
fication of boundary layer calculation methods are given in the papers by W.C. Reynolds [59], P. Bradshaw 
[18], [60], and Launder and Spalding [61] • 

6. EXAMPLES OF BOUNDARY-LAYER CALCULATIONS 

When looking for comparative calculations in the literature it is not easy to find examples where the 
computations were performed with several different methods for the same flow configuration except for the 
extensive comparisonsmade at the Stanford conference [62] for incompressible turbulent boundary layers. 
Therefore it is proposed to show two examples from this source for two cases where the experimental pressure 
distributions resemble those for the suction side of an airfoil. 

The first example is that for the flow around an elliptical airfoil-like section of Schubauer and 
Klebanoff [63j where the pressure gradient first is negative, then strongly positive with eventual sepa- 
ration as seen in Fig. 11. This figure shows the result of computations by the competitive methods. The 
first column gives the development of the form parameter H,,, the second contains the local skin-friction 
curve c_, and the third is for the local momentum thickness Reynolds number Re... The dots represent the 
corresponding measurement. It is seen that virtually all methods predict these boundary-layer characteri- 
stics very well up to the point of maximum velccity (at about x = 18 ft) but that deviations begin to show 
quite distinctly in the strong adverse pressure gradient region up to the separation point which lies at 
about x. = 26 ft. On the left I have marked the different methods according to the category which they be- 
long to, wi*h the additional marking of those methods that were rated first-class at Stanford. From this 
comparison no general superiority of any of the three types of methods can be deduced. Note, however, the 
consistently good prediction of all three parameters as computed by the complete field method of Bradshaw 
and Ferris [50], This is attributable to the fact that they have accounted for three-dimensional effacts, 
i.e. the convergence of the flow as it approaches separation. Also allowance has been made in the Bradshaw- 
Ferris calculations of longitudinal curvature effects. It is therefore not surprising that most of the other 
metiods which were applied to this case without these corrections could not predict the boundary-layer deve- 
lopment in the adverse pressure gradient region as well. In order to show that also an integral method is 
capable of taking account of convergence and curvature effects let us look on the results of test calcula- 
tions from Green's new lag entrainment method [M9] for the same example. Fig. 12 reflects the predictions 
assuming two-dimensionality by the solid line. The dotted line shows the effect of allowing for flow conver- 
gence in such a way that the Re, -curve is forced to match the experimental data. The effect on H,_ and c. 
then is to halve the discrepancy between the previously calculated and measured values. The further allowance 
for longitudinal curvature then will again improve the calculations considerably so that even the separation 
point is predicted satisfactorily. The conclusions are (1) that an integral method such as Green's is not 
inferior to a complete field method if it is capable of handling secondary effects, (2) that on the other 
hand a good method should possess the built-in capability to allow for such secondary effects in order to be 
able to judge frr.n *.ie results of comparative calculations on the possible deviations from a nominally two- 
dimensional experiment. 

The second example is on the experiment of Schubauer and Spangenberg [64] the velocity-distribution 
of which is shown at the top of Fig. 13. This is a case of a severely retarded flow in which the slope of 
the adverse pressure gradient increases with x as occurs typically on the upper side of a lifting airfoil. 
Fig. 13 again gives the result from Stanford, where not all competitors have run this case which was not 
mandatory. Most of the methods again performed very well with the integral methods of Rotta (R0) and Walz 
(FG) not being in any way inferior to the complete methods like that of Herring and Mellor (HM2) or 
Spalding-Patankar (HP). These methods predict the incipient separation equally well and in accordance with 
experiment. The representation of Green's lag entrainment results in Fig. 3 4 reveals that the history effect 
on the development of turbulence structure does have an influence when comparison is made to the results 
of Head's method without the lag equation used by Green. 

In the light of the conclusions drawn in the introduction concerning the importance of being able to 
predict the separatism point accurately it is appropriate ta show some comparisons gained from different 
methods. I have found this comparison in the paper by Cebeci et al. [65] from which Fig. 15 is taken. It 
shows the predicted separation points for the experimental pressure distribution on a NACA 66.2-420 airfoil 
at various angles of attack. The experimental separation points are to be inferred as the point where the 
velocity levels off to the horizontal constant value after the step descent. The best prediction quality 
then are to be attributed to thoso methods which come closest to this point. Of the new methods those of 
Head and Cebeci-Snith are the most satisfactory ones under this criterion while the older methods of Strat- 
ford [66] and Goldschmied [67] predict separation too early. Here again the competition between a complete 
method (Cebeci-Smith) and an integral method (Head) is undecided. This example together with the foregoing 
examples wnere also separation was present show that with the best methods available at present turbulent 
sepa-ation can be predicted with confident accuracy. 
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As to the prediction of transition the situation is not as encouraging. Although the qualitative 
nature of the transition process for low-speed boundary layers remaining attached is known no sure criteria 
have yet been developed for the onset and the streamwise extent of the transition region. However, with 
some of the presently available boundary layer methods remarkable success is achieved for the development 
of boundary-layer characteristics especially the skin friction coefficient if the point of onset and length 
of transition region are assumed known. Fig. 16 gives an exampls of calculations through the transition 
region by McDonald and Fish [09]  performed with a complete finite difference' method. The method uses the 
turbulent kinetic energy transport equation which essentially provides the development and change of an 
effective viscosity to be used in the simultaneous solution of the differential boundary-layer equations. 
Ey inserting a small but nonzero value of the free-stream turbulence level (which is the parameter to the 
curves in Fig. 15) into the energy-transport equation the increasing production of turbulent shear stress 
is triggered and followed up to the point of fully turbulent flow. In Fig. 17 the comparison between measure- 
ment and calculated prediction of the development of the shape parameter H,, and the momentum thickness ä, 
is made for a transitional boundary layer. The agreement is very good. This is an encouraging example of 
how the modern boundary-layer methods are able to tackle the difficult problem of transition provided that 
there is some additional information for its onset and extent. A similar method was proposed by Harris [69] . 

7..COMPRESSIBLE BOUNDARY LAYERS 

Modern aircraft are operating in a Mach number range extending up to Ma -  3, if we disregard the de- 
signs for space craft such as the space shuttle. Special importance is directed to the high subsonic Mach 
number range representing the cruising speed of modern transport aircraft. Consequently also the boundary 
layer under these conditions including boundary layer shock-wave interaction must be taken into account. 
Kot attempting to be complete at all, I propose to describe in this paragraph some of the phenomena and 
effects which will influence or change the behavior of boundary layers in compressible flow as distinct 
from the incompressible case and to indicate in which way boundary layer calculation methods are extended 
to incorporate these compressibility effects. 

In laminar compressible boundary layers the. main sources for deviation from the incompressible beha- 
vior are the generation of heat by viscous shear stresses (i.e. dissipation) as the velocity gradients in- 
crease with Mach number leading to temperature gradients. Also the temperatures in the free stream at the 
boundary-layer edge and at the wall surface with or without heat transfer differ in general giving rise 
to heat transport across the boundary layer in addition to the convection heat transport. Furthermore, the 
density of the fluid will vary appreciably across the boundary laysr according to the thermodynamic state. 
Density and temperature variations will lead to a variation also of the mole-ular viscosity. So, besides 
the velocity boundary layer, there will be a thermal boundary layer if either the main stream temperature 
differs from the temperature of the wall or/and if there is a significant amount of dissipation in the velo- 
city boundary layer. Compared with incompressible flow at least four additional quantities must be taken 
into account in the calculation of compressible boundary layers: the Mach number as a measure of compressi- 
bility and frictional heat, the Prandtl number as a measure of the diffusion (or transport) of heat,'viscosi- 
ty change with temperature, and heat transfer across the wall determining the temperature distribution along 
the wall. Accordingly all phenomena known from the behavior of the incompressible boundary layer will be 
affected in one or the other way, the main effects being: 1.) The temperature increase towards the wall, as 
occurs with adiabatic surfaces (no heat transfer), thickens the boundary layer leading to a decrease of 
skin friction coefficients with Mach number. 2.) In flows with heat transfer to the wall the heat transfer 
coefficient is also reduced with Mach number. 3.) The reduction of skin friction enhances separation. 
■*.) Laminar compressible boundary layers are less stable, i.e.transition Reynolds number from laminar to 
turbulent decreases with Mach number up to Ma * 3.S. Wall cooling on the other hand stabilizes the boundary 
layer again and delays transition. 

As to calculation procedures for the laminar compressible boundary layer there are powerful methods 
in existence of the complete field type by which the full nonlinear partial differential equations can be 
solved by finite difference techniques. These methods are devised to include foreign gas injection and 
chemical reaction of several gas species present in a high-temperature laminar boundary layer. A review 
on these methods was given by Blottner t70l. But also the integral method have been developed to a satis- 
factory degree of accuracy for engineering purpose, e.g. by Geropp (see Walz [tl]). 

A third type of method which has proven to be very powerful for incompressible and compressible lami- 
nar boundary layei calculations is the so-called GKD method (Galerkin-Kantorovich-Dorotnitzyn) also known 
as the multimoment method or the method of integral relations. This method is a generalisation of the 
Karmän-Pohlhausen method but instead of using only the one integral '*uation for momentum, Eq. (34), many 
moment-of-momentum equations are solved simultaneously. Representative for this type of boundary-layer 
method is the work of Abbott and Bethel [71] for incompressible laminar boundary layers and of Nielsen 
et al. [72] for compressible laminar boundary layers. A specially useful feature of the GKD-methods for 
laminar boundary layers is the fact that they are able to compute formally past the laminar separation 
point, while with finite difference methods this, in general, cannot be achieved. In summarizing then, 
it may be safely stated that for the calculation of laminar compressible boundary layers a number of suffi- 
ciently accurate methods are at our disposal. In view of the application to two-dimensional boundary layers 
over airfoil sections the calculation of the laminar portion does not seem to become a critical problem 
except for the prediction of transition from laminar to turbulent. 

For turbulent compressible boundary layers the effect of Mach number on the general behavior qualita- 
tively follows that of laminar boundary layer at least in the high subsonic to moderately supersonic Mach 
number range considered here. Regarding external turbulent boundary layer on typical aerodynamic shapes both 
skin friction and heat transfer coefficients decrease with Mach number. The effort or the various empirical 
techniques to account for compressibility effects in turbulent boundary layers were directed to give quanti- 
tative predictions of skin friction and heat transfer by introducing suitable parameters such as the wall- 
to-free stream temperature ratio. Quite good correlation formulae for skin friction due to Wilson [73] and 
van Driest [71»] and for heat transfer due to Spalding and Chi [75] were developed in this way. In the light 
of the modern methods for turbulent boundary-layer methods, however, this parametric approach must be valued 
as an attempt to circumvent the actual solution of the turbulent boundary-layer equations and the considera- 
tion of the turbulence characteristics. 

The main effect of Mach number and the accompanying heating on the turbulence structure is the additio- 
nal appearance of temperature and pressure fluctuations which produce density fluctuations so that there is 
a strong interaction between the velocity and temperature distribution. Consequently the fluctuating part 
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of pressure, temperature and density enter the boundary layer equations which of course must be augmented 
by the energy aquation usually written as an equation for temperature or total enthalpy. Without going in- 
to any details of the derivation of these equations let me point out the most important results regarding 
the incorporation of compressibility effects into them. For Mach numbers below about Ma « 5 Morkovin's hypo- 
thesis [76] holds which says that the density fluctuations to the mean density are small and that therefore 
th* turbulence structure is not influenced being the same as in incompressible boundary layer. This means 
that compressibility does not affect the function»], form of the usual incompressible models of the turbulent 
eddy viscosity and nixing length as shown also by Maise and McDonald [77]. Consequently these concepts are 
extensively used in calculation methods of complete field type the model of eddy viscosity e for the momen- 
tum transport (-p u'V r t 3u/»y) being analogously applied to define a thermal eddy conductivity *_, in 
order to treat the term -p v'H' = (A_/c )-OH/3y), and an effective turbulent Prandtl number Pr_ = c 'tAp 
usually assumed to be constant and equal to unity. A.so the integral methods are extended to compressible 
boundary layers in which however even more empiricism« concerning the relationships between the various form 
parameters, the skin friction coefficient and the energy dissipation coefficient are needed. - Recent reviews 
of compressible methods were given by Beckwith [78] and by Peake et al. [75], 

As an example of the capability of calculation methods for the prediction of a boundary layer in comp- 
pressible flow the results of the experiment of Winter et al. [80] for high speed flow over a waisted body 
of revolution are compared first with the results of the field method of He. ring and Mellor [81] and second 
with those found by ihe compressible version of the integral lag entrainment method of Green et al. [t9]. 
Fig. 18 shows the flow situation and the measured pressure distributions for two different free-stream Mach 
numbers. In Fig. 19 the skin friction and momentum thickness distributions as calculated by the field method 
of Herring and Mellor art compared with the measured data obtained by surface pitot tubes is shown. Fig. 20 
presents the result of Green's calculations in a plot with different scales. Shown here are also the results 
as obtained with Head's method and the curves for which corrections for curvature, lateral strain and dilata- 
tion were made. Such secondary effects are provided for in Green's lag entrainment method. These comparisons 
show that both field and integral methods will produce good to fairly good agreement with measurements. None 
of the two methods can be said to be supperior to the other except may be for the shorter computer time in 
Green's integral method. 

In connexion with high subsonic Mach number flows, of course, the appearance of shocks brings about a 
new situation for boundary layer calculation capabilities. In aircraft aerodynamics the most important example 
of shock and boundary-layer interaction occurs on transonic airfoils or wings. It will be shown in section 9.4 
in which way boundary layer calculations through the interaction region below a normal shock on an airfcil 
serves as a means of predicting buffet onset on a wing. A deeper insight into the genera) problem of inter- 
action between shock waves and boundary layers may be gained from the review article of Green "13]. 

8. THREE-DIMENSIONAL BOUNDARY LAYERS 

From the aircraft aerodynamicist's point of view the interest for calculating three-dimensional boun- 
dary layers is prompted by the need for more accurate predictions, of skin friction drag than are possible 
by the conventional application of the flat plate estimate. For instance the drag of a swept wing may be 
in serious error because of the neglect of three-dimensional flow effects on the development of the boundary 
layer. In the mid semispan of a swept wing the actual boundary layer "run" is longer than the geometric chord 
because the inviscid flow above the surface follows a curved path. In addition, as the boundary layer looses 
energy the spanwise pressure gradient causes it to drift outboard thus further increasing the "run". There- 
fore the boundary layer near the trailing edge of swept wings is significantly thicker than on a two-dimen- 
sional section, in general, thereby increasing also the pressure drag by interaction with the inviscid flow. 
Also the three-dimensional separation characteristics on a swept wing are totally different from their two- 
dimensional counterpart. Of course, also the flow over the fuselage is three-dimensional and the determina- 
tion of its drag should strictly be based on calculations of the three-dimensional boundary layer instead 
of by the method for equivalent bodies of revolution. 

When spaaking of three-dimensional boundary layers, it is again assumed that they are defined as being 
the thin layer next to the surface of the body to which the viscous effects of t.ie flow are confined. The 
inviscid main-stream flow in a three-dimensional case will depend on all three space coordinates one of 
which may be envisaged to be the normal to the surface at every surface point, so that within the boundary 
layer approximation the pressure variation along these normals can be ignored. Two effects arc immediately 
apparent which were absent in the two-dimensional case. The first is due to lateral convergence or diver- 
gence of the three-dimensional main flow stramlines parallel to the surface and the second is introduced by 
the curvature of these streamlines. While streamline convergence (or divergence) results in a change in 
boundary-layer thickness different from the two-dimensional development, the lateral curvature of the outer 
streamlines gives rise to a secondary flow in the boundary layer also called the cross-flow, which is defined 
as the component of velocity parallel to the surface but perpendicular to the inviscid outer streamline. 
This effect is qualitatively well understood in being the consequence of the full lateral pressure gradient 
acting on the fluid of reduced velocity within the boundary layer causing the boundary layer fluid to ev*de 
towards the concave Jide of the potential streamlines. The full complexity of three-dimensional boundary 
layer flow reveals itself when it comes to separation,two typical examples of which are depicted in Fig. 21. 
Sketch (a) represents the case where a "jubble" is formed inside of which fluid is carried along with the 
body. Only at the singular point S the 1 ehavior of two-dimensional separation zero-wall-shear stress is 
seen to exist while the confluent wall aiear stress lines (or wall "stream lines") forming the cur- d line 
of separation suggest that the wall shear stress along this line is nonzero. Sketch (b) shows the , jrmation 
of a free shear layer due to confluent w.ill stream lines. The extent of the viscous region, attached or 
free, is indicated by the shaded projected areas. In sketch (c) the situation of case (b) is illustrated 
for the flow over a yawed or swept wing with three-dimensional separation. These examples show that the 
concepts of boundary-layer theory may be applicable upstream of and away from separation lines but that in 
the vicinity of separation they may not be adequate. 

At present the calculation methods for three-dinensional boundary layers is in a state of vigorous deve- 
lopment. Recent reviews have been given bv Eichelbrenner f82_l, Nash and Patel [83] and Wheeler and Johnstor 
[8*], Horlock et al. [85] and Fernholz [86j . A paper on the numerical treatment of three-di-nensiona boun- 
dary-layer problems was presented at an ASARD-VKI short course by Krause [87] , which includes a large biblio- 
graphy. For the laminar case, methods of the finite-difference type have been successfully applied to a num- 
ber of flows including the laminar three-diirensional boundary layer at the forward stagnation point of an 
ellipsoid and the flow along the leading edge of an infinite swept wing. It may be noted that these numerical 
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methods are not restricted to boundary layers with small cross-flow or small spanwise pressure gradients. 
Also the problea of transition in three-dimensional boundary layers has beci considered by Hirsch?! [88]. 

As to methods for calculating three-dimensional turbulent boundary layers thes» may again be divided 
into complete or integral methods. The complete methods developed so far are extensions either of finite 
difference methods for laminar boundary layers with the inclusion of a suitable expression for the Reynolds 
shear stress cr of established two-dimensional turbulent methods. With a lateral velocity component present, 
the Reynolds shear stress must now be considered as a vectorial quantity. The eddy-viscosity or mixing- 
length concept are again utilized, e.g. in Ü89],feO],L9l3, with special assumptions regarding their functio- 
nal form for the two components of the local flow direction. Other method! [92],[93],[9<0 use the turbulent 
energy equation in the vector form as proposed by Bradshaw [9<0. However, the predictive quality of these 
complete field methods depends critically on the assumptions on the lateral shear stress component especial- 
ly close to the wall by which the local flow angle will be determined. 

The situation seems to be c little better for the integral methods developed so far, Refs. [9S],[96], 
[97],[98]. The basic assumption in all of these methods is that the streamwise component of the boundary-layer 
velocity is analogous to that in the two-dimensional case. As shown by Cumpsty and Head [95] the entrain- 
ment concept seems to be suited best for three-dimensional methods. Of course, the two integral-equations 
for the streamwise direction (the momentum integral equation and entrainment shape parameter equation) are 
completed by the addition of the momentum integral equation for the cross flow. The three equations then 
contain more than three unknowns, however, and to make the problem determinate a coupling between the cross- 
wise and the streamwise velocity profiles is introduced. The assumption made on the representation of the 
two profile types and their interconnection rorm the essential difference between the various methods. For 
the cross-flow profile the simplest formula is that due to Mager [99] 

(62) «^(x-Z)2. tan 8 

where w, u are the crosswise and streamwise velocity exponents respectively, y is the wall distance along 
a normal to the surface, and S is the angle between the wall streamline and the local external streamline. 
The famous triangle representation according to Johnston [100 ] may be written as 

(63) 

with 

tan 6 tan 6 

A = tan 8 
\cos6-/cT  / 

where U is the external velocity and c. is the streamwise component of the skin friction. Still another 
formula has been proposed by Eichelbrenner [S6] 

(6«») £ : tan 8 + B • $ - (tan 8 + B) ■ (JJ) 

where B is a known function of ß and cf. The limiting angle 8 then ir essentially the form parameter to be 
determined from the solution of the crosswise momentum integral equation. Michel et al.[101] use a cross- 
profile representation of the general form: 

(65) £ = k • i  • f(y/4) 

where k is the geodesic curvature to the outer free stream, and the function f(y/6) is determined from a 
diffjrential equation of similarity type. Note that the Mager and Johnston representations do not allow for 
crossover profiles while Liehelbrenner's and Michel's expressions do. 

As to the predictive qualities of the above methods an assessment is difficult to make since adequate 
experiments are scarce. For instance comparisons with measurements of Cumpsty and Head [102] on a swept 
wing model showed serious descrepancies especially in the growth of the streamwise momentum thickness, 
while the wall crossflow angle 8 was predicted quite well by their calculation method. Similar results 
were obtained from a comparison between the method of P.D. Smith [97] and an experiment with curved duct 
flow by Vermeulen [103], where, expect for the streamwise momentum thickness, the prediction was generally 
satisfactory. Good overall agreement is claimed by Michel et al.ClOl] of the results of their method with 
the measured boundary layers on swept wings and in front of a blunt body. 

In closing these remarkr on three-dimensional boundary layer calculation methods, allow me to cite 
part of the conclusions drawn : , Eichelbrenner's recent review article [82] : "In laminar flow, several 
fairly reliable methods for the calculation of   three-dimensional boundary layers have been developed. 
Far less satisfactory is the state of fhe art in three-dimensional turbulent flow, where, to date, only 
integral methods are available; even these methods depend still on t.o many simplifying assumptions to be 
trusted in the general case." 

9. PREDICTION OF AERODYNAMIC CHARACTERISTICS USING BOUNDARY LAYER CALCULATION METHODS 

As mentioned in the introduction the inviscid free stream over a lifting body is influenced by the 
presence of the boundary layer. Even in the case of the two-dimensional flow over an airfoil we have seen 
that the interaction may become very strong especially when separation (bubble or rear separation) occurs. 
But also when the boundary layer remains attached the pressure distribution is affected. From the aircraft 
aerodynamicist's point of view not the boundary layer as such but these interaction effects constitute the 
problems that one wishes to solve with the help of boundary layer calculation methods. It is therefore pro- 
posed to review some of the problems for which bounaary layer methods have been successfully applied. These 
are: (1) attached flow over a single airfoil, (2) attached flow over an airfoil with a slotted flap, (3) flow 
over si:.gle and flapped airfoil with rear separation, and (w) shock induced re«r separation on straight and 
swept wings determining buffet-onset limits. 

i i  ■  mim 
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9,1 Attached Flow over a Single Airfoil 

The general principles of the way in which the pressure distribution and hence the lift are changed 
as compared to the potential theory are well-known and have been described by ThwaitesM.  The main influence 
is the displacement effect of the boundary layer and the wake. The procedure then is to recalculate tne 
potential flow around the airfoil with the boundary layer displacement thickness added to the airfoil geo- 
metric coordinates. At this stage, however, this seemingly straight-forward procedure already shows its 
drawbacks. The first inviscid potential flow calculation uses the Kutta condition at the trailing edge, 
having generally a nonsero trailing edge angle, to determine the overall circulation (i.e. the lift) of 
the airfoil. But what condition is to be applied in the second potentitl flow calculation? It is known that 
the prediction for the overall lift depends critically on exactly the condition specified at the trailing 
edge region with the boundary layers from the upper and lower surfaces having different thickness. If one 
applies the criterion that the vortieity contained in the two merging turbulent boundary layers must be 
equal and opposite at the trailing edge this, together with the boundary layer approximation that 3p/9y s o 
leads to the conclusion that the velocities at the upper and lower edges of the beginning wake are equal. 
Experiment shows that this condition is wrong; also the lift coefficient at a given angle of attack of the 
airfoil obtained by applying this condition is much too low. It was therefore argued that a pressure diffe- 
rence across the two boundary layers is induced at the trailing edge by the curvature of the ensuing wake. 
Fig. 22 depicts this situation at the trailing edge. The formula 

Ac, 
(66) 

for the relative lift reduction was given by Spenee [10"0 in which, however, the unknown drag coefficient 
must be estimated from approximate formulas like that of Squire and Young. The above formula is only a cr>ide 
approximation which underestimates the lift reduction especially with increasing angles of incidence. Later 
Spenee and Beasley r*05] developed another formula arguing that the nonsero vortieity in the wake will induce 
a circulation about the whole airfoil as is the case with a jet flap. By interpreting the effect of the wak» 
to be analogous to the jet effect they arrived at the nonlinear expression 

(67) 
Ac, 

=   k  • /c~ 

with k *  -0.211. In this formula again the profile drag coefficient c- would have to be calculated approxi- 
mately again from the Squire-Young fonrn.'.d. Steinheuer 106 found that quite good agreement with experiment 
is achieved by leaving the form of Eq. (67) unchanged but replacing c. by the overall skin friction coeffi- 
cient c_ as defined by 

(68) 

where the integral is taken around the profile contour, leading to 

(69) 
Ac, 

-ha 
* k • /cT 

Here c  is the value of the lift coefficient of the potential flow calculation using the original Kutta 
condition, and k was found to have the empirical value k -  2. This formula is very convenient inasfar as 
it does not necessitate the calculation of the wake, and c_ is easily obtained from the skin friction distri- 
bution of a boundary-layer alculation. Another advantage is that the formula, Eq.(69), can be applied to 
multiple airfoils s well. F. %.  23 shows a  xnparison of the calculated lift curve with the experiments 
of Brebner and Bagley [1071 i >r two differer Reynolds numbers. 

A different line of approach to the proolem is that employing the conce[ - of reduced camber a measure 
of which is the added total displacement thickness of the boundary layer at th> mailing edge. This method 
has been perfected by Powell [108], For the ratio of the displacement thickness to chord length the assump- 
tion is made that it assumer *i»lf of the value of the drag coefficient at a spe (fied distance downstream of 
the trailing edge. The drag coefficient again has to be known in advance and is alculated by a method due to 
Nash and Hacdonald [109] based on the momentum thickness at the trailing edge. T e special feature of Powell's 
method is that potential source and vortieity distributions plac .d along an effev tive camber line are sought 
for, which is determined from the calculated displacement thickness added to the irigina.l airfoil contour. 
This results effectively in a change of angle of incidence. The usual Kutta cond'eion is applied and the 
source and vortieity distributions are found by fullfilling the boundary condit'sn at the displacement sur- 
face of the camber-modified airfoil. An iterative procedure is then set up where tbt pressure distribution 
from a potential flow calculation is up-dated according to the change in affective camber, and boundary-layer 
calculations are performed with this new pressure distribution. Convergence is reached after about 10 itera- 
tions. 

The method if Powell described above has been found to give good general agreement with measured pres- 
sure distributions if the comparison is made at the same value of the lift coefficient. However, when the 
solution is sought for a given angle of incidence the method overestimates the lift coefficient by up to 
10 %,  i.e. it underestimates the .eduction of lift due to the boundary-layer effect. This is the case with 
all methods that have been proposed so far like that of Bhateley and Bradley [lioj and of Giesing \\xii• 
The discrepancies are attributed to the uncertainty of the older nominally two-dimensional wind-tunnel experi- 
ments, as evidenced by the more recent investigations of Firmin and Cooke [112]. 

An interesting discussion or. the subject of the interaction of the outer flow with the confluent boun- 
dary layers and the wake in thr trailing edge region of an airfoil has recently been given by Green [13]. A 
theoretical modal for the immeciate vicinity of the trailing edge is developed envisaging the confluent 
boundary layers to be effectively inviscid but rotational shear layers with slip velocity at the surface. 
The main result of Green's discussior is that a correlation between the shape parameter H  of the upper 
surface turbulent boundary layer approaching the ideally sharp trailing edge and accompanying pressure rise 
could be established resulting in a lower pressure (higher velocity) at the edge of the upper surface boundary 
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layer than at a corresponding point at the edge of the lower suriace boundary layer. This is in qualitative 
accord with the formula developed by Giesing Ulli. It is not known whether Green's trailing edge flow model 
has bier incorporated into a prediction method. 

9.2 Attached Flow over an Airfoil with a Slotted Flap 

The need for still mo.'e efficient high-lift devices for use in RTOL and STOL aircraft has led to exten- 
sive research activities mostly on the experimental side as far as f-_il three-dimensional configurations are 
concerned. The basis for theoretical studies, however, still is the simplest case of a high lift device i.e. 
the airfoil with one trailing edge flap. With the modern methods for the calculation of the potential flow 
around multiple airfoils, such as those developed by Riegels and Jacob [113], Giesing [ill] and Bhateley and 
Bradley [110] the prospect of developing a prediction method including viscous effects has come within reach. 

The typical development of the viscous layers around an airfoil with a slotted flup has already been 
shown in Fig. 2. This case has been extensively studied at RAE [ilt],Q.15] and at NLR [116],&17] experimen- 
tally and theoretically. The difficulties imposed on the theoretical analysis lie mainly in the appearance 
of two features: (1) the mixing of the wake from the main airfoil and the boundary layer of the upper sur- 
face of the flap, and (2) the presence of a closed zone of separation (or bubble) on the lower surface of 
the main airfoil near to the trailing edge. The interaction of the wake and boundary layer at optimum lift 
at a given incidence and flap deflection has been found to be relatively weak, meaning, that the two shear 
layers retain their separate identities almost to the flap trailing edge. However, this is only true as long as 
the relative translatory position of the flap (characterized e.g. by the gap width and the trailing edge 
overlap) is such that the flow at the slot exit contains an essential!r  inviscid core. Fig. 21 shows schema- 
tically the flow situation, where sketch (a) applies to the favorable situation just described. Sketch © 
below shows the effect on the slotflC'* when the gap has become too narrow. The limiting streamline, by which 
the recirculation bubble is boundec in the situation of sketch @ , no longer reattaches to the lower side 
of the main airfoil ahead of its trailing <sdge but is swept downbelow the lower side of the flap. This then 
gives rise to separation over the b«.-.v of the flap or even the back of the main profile resulting in a sub- 
stantial loss in the overall-U "t of the flapped airfoil. 

A more detailed picture of the mechanism of flow in the slot region i6  gained from the results of 
a recent investigation made by W. Schröder Ü1&], her« at the VKI, on a thin airfoil with flap. Fig. 25 
shows some treasured pressure distributions over the upper and lower sides of the main wing and the flap for 
a decreasing gap width of the flap nose location at constant overlap these parameters being determined by 
the coordinates d and s. Beginning with the case or the largest gap width, s/c = 1.8 %,  it is seen t'at the 
pressure coefficient reaches its full potential value of unity at the flap's stagnation point, while the 
pressure within the bubble forms a relatively low plateau, rather sharply bounded towards the trailing edge 
by a pressure peak which marks the reattachment point. This peak lies just ahead of the overlap location 
marked by the arrow. When the gap is diminished the stagnation pressure at the flap nose becomes less than 
unity Indicating that low-energy fluid is shed over the flap nose. Correspondingly the overall-lift is 
reduced. Also the pressure level at the bubble location is reduced a.id the region of separated flow extends 
upstream beyond the discontinuous corner of the contour. Surprisingly, however, with still non-separated 
flow over the main-airfoil's trailing edge and over an appreciable part of the flap back, the flow through 
the sljt still is maintained as evidenced by the sharp pressure fall just ahead of the trailing edge. The 
still noticeable pressure peak here suggests that the bubble structure continues to be maintained, its 
bounding streamline, however, being formed of fluid of reduced kinetic energy. Three distinct regions of 
flow are tentatively indicated in the accompanying sketch of the slot flow: region I is the region of irro- 
tational potential flow with full total pressure energy, region II is composed of rotational fluid forming 
a free shjar layer originates from the separated boundary layer of the lower side of the main airfoil and 
region III is the closed recirculating bubble region. The described mechanism of the slot flow is strongly 
supported by the smoke visualization pictures made by Schröder of which the obtained smoke contours are 
presented in Fig. 26. These smoke contour lines roughly correspond tc the line of division between the 
regions II and III of the previous figure. 

The prediction method devised by the author [106] for the calculation of the optimum lift as dependent 
on the flap-setting especially with respect to gap width and overlap at given flap angle, incidence, and 
Reynolds number assumes that the bubble region can be replaced by a solid fairing contour for the calcula- 
tion of the potential flow and hence the pressure distribution and the lift coefficient. This approach has 
bean used previously by Labrujere et al. 1117] and Werle [119] for the analogous situation of the flow around 
the lower side of a eist to successfully calculate the pressure distribution. However, as the replacement 
contour is not knoxn a priori it Jtr.  chosen to coincide with the fairing contour used in the experiments 
of Foster et al. [114] in the particular example for which the first comparative calculations were made. 
The potential flow was calculated by means of the method of Giesing [ill] for multiple airfoils, and a 
boundary-layer calculation was performed using Walz's integral method [ui]. With the values of gap width 
and overlap as parameters a series of potential flow and boundary-layer calculations werde made in which 
the lift reduction dje to the boundary layer displacement effect was computed from Eq. (69) applied to the 
main airfoil and thj flap individually. It turned out that, by varying the flap position, the boundary-layer 
calculation predicted either completely attached flow along the fairing contour right down to the trailing 
edge or the occurrsnee of separation at a point well upstream of the trailing edge. In Fig. 27 a comparison 
of calculated and measured values of the total lift is made for a case where the gap width is varied at a 
constant, overlap distance. It is seen that the experimentally found optimum gap width very well coincides 
with the point of flap position for which the calculations predict the occurrence of separation. Note further 
the relatively snail error of the absolute values of the lift coefficient as compared to the experimental 
values in the range of predicted attached flow. 

The weak point of the proposed prediction method, of course, is the a-priori assumption to be made 
for the replacement contour in the bubble region. However, this difficulty should be overcome by exploiting 
The results of Schroder's experiment which showed that the point of bubble reattachement always lies just 
ahead of the flap nose position (see Fig. 25) and that the bubble contour line for the case of optimum lift 
forms a well-behaved curve which can probally be approximated by a cubic (see Fig. 26). 

The potentialities of a prediction method as that described above are immediately apparent. Not only 
the extensive (and expensive) wind-tunnel measurements to determine an optimum slot configuration would be 
greatly reduced by a preceding computational survey but also the transfer of the low Reynolds number wind 
tunnel results to the actually intended high Reynolds nurber configuration could be made with much more 
confidence. 
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9.3 Airfoil Flow with Separation 

The prediction of incipient trailing edge separation for a given airfoil section is of extreme impor- 
tance in the design of aircraft wings of moderate sweep angle especially for the low speed range at take- 
off and landing. The purely theoretical determination of the maximum lift of wings with mechanical high 
lift devices such as single or multiple trailing edge flaps and slatn or other fore-flaps is rendered especi- 
ally difficult not only because of the mutual influence of the inviscid flow around the different parts of 
the wing but also by the fact that the maximum lift of the configuration is almost always associated with 
moderate rear separation already established on one of the elements forming the c..i»plete section. While a 
prediction method for the general three-dimensional compressible case seems remote for a long time to come 
the incompressible two-dimensional problem such as the one depicted in Fig. 28 has been attackid with some 
success by Jacob [120] and Bhately and Bradley Ü.10]. 

Following Jacob, I wish to outline briefly his line of approach and show some recent examples of his 
method, [121]. The concept of simulating the flow over an airfoil with a separated region ahead of the trai- 
ling edge is to add to the otherwise classically determined potential flow (i.e. with Kutta-condition full- 
filled at the trailing edge) a source distribution along that part of the contour vhers separation la present. 
From the development of a preceding boundary-layer calculation the separation point has been determined. 
The added source distribution will then alter the original pressure distrilution over the upper side of the 
airfpil and a new boundary-layer calculation (using Rotta's method [t2]) will predict the separation point 
to lie at some other location, as in the preceding run. The area of simulating source flow is altered accor- 
dingly and a new pressure distribution is calculated. This process of alternatingly calculating the potential 
flow and boundary-layer development is continued until the assumed location of the separation point coin- 
cides with the predicted one. In order to avoid a stagnation point to occur in zront of the outflow region 
the source distribution is modelled in such a way that the streamline forming the surface ahead of separa- 
tion leaves the surface smoothly i.e. with zero-slope. Further the problem t.« made determinate by requiring 
an equal pressure (or velocity) to prevail at a point L shortly upstream of the trailing edge on the lower 
side, at a point 0 above the trailing edge through which the separation streamline passes, and at the sepa- 
ration point S itself. As soon as convergence of the iteration process is achieved all section characteristics 
can be determined for the particular case considered, i.e. for a given angle of incidence and given flap 
settings. Ey repeating the calculation for a range of angles of incidence, of flap deflection angles, and 
of flap positions the dependence of the lift coefficient on any of these parameters can be predicted for 
attached flow and flow with trailing edge separation. Also Reynolds number dependence is included through 
the use of boundary-layer calculations. Note, however, that up to the present the boundary-layer calcula- 
tions have been used solely 'or the purpose of determining the separation point while boundery layer displace- 
ment effect is not included. 

To show the potentialities of Jacob's method I propose to show two examples from his recent report 
[121]. The first example is on the flow over a hypothetical flapped airfoil with a NACA 23012 main section 
(see Fig. 29) ana a flap the section shape of which is a 20 % replica of the main airfoil. Graph (a) shows 
the c,(a)-curve for three different flap defection angles ä_ and two different Reynolds numbers. With the 
smaller Reynolds number (solid line curves) separation occurs first on the main wing causing immediate sepa- 
ration on the flap as well. For 6- = 20°, in contrast, the flap flow is separated already at zero angle of 
incidence and separation over the main wing occurs at about o = 8.5°. A very interesting behavior is exhi- 
bited for the higher Reynolds number Re = 107 (broken line curves). Again with the flap angles &- '  0° and 
10° separation is predicted to first occur over the main profile while the flow remains attached up to con- 
siderable higher angles of incidence. At the high flap defection angle ä_ = 20 now the flow separates first 
over the flap while it continues to remain attached on the main airfoil causing the c,(o)-curve to again 
rise to a second peak value where then separation takes over also to the main airfoil. In the graph (D)  the 
boundaries for the different types of separation behaviors ore shown, i.e. no separation, separation on flap 
only, separation on main airfoil only, and separation on both main airfoil and flap depending on the angle 
of incidence and on the flap defection angle. Note that at the lower Reynolds number Re s 106 the dosjain, 
where there is separation on the main airfoil only, is degenerated to a very narrow rang* of possible angles 
of incidence. 

The second example treats the case of a main airfoil with drooped nose and an additional slat (as seen 
in Fig. 30). The main profile here is a modified NACA 6U-210 section. The reference chord c is therefore 
taken to be that of the unmodified profile. The figure shows the calculated pressure distribution at a given 
slat position and an effective angle of incidence of o = 20° corresponoing to equal values of lift coeffi- 
cient of the calculation and of the measurements by Baumert [122]. The transition point was taken as the 
point of laminar separation. Considering that the displacement effect of boundary layer is not accounted for, 
the agreement between the theoretical and the measured pressure distribution is most satisfactory, although 
the measured separation point seems to lie slightly downstream of the predicted location. The flexibility 
of the method may be demonstrated by Fig. 31 where for the same profile at a given flap position the measured 
c,(n)-curve (dotted line) is seen to have two maxima, the first of which corresponds to slat separation at 
aEout a * 33°, followed by the second peak at a = 10° for main wing stall. The solid line curve represents 
the result of the calculations and the broken line curve corresponds to  the experimental curve corrected 
for an effective angle of attack at an infinite aspect ratio. First 'f all, it is noted that the computed 
curve exhibits correctly the existence of the two maxima. The deviations from the corrected experimental 
curve may be attributed to the inexplicable difference of about two degrees in incidence at zero lift and 
to the boundary layer displacement effect not accounted for in the calculations. - In closing this paragraph 
then, it can be stated without exaggeration that Jacob's prediction method has now m.-ured to a degree that 
it may be applied with confidence to explore numerically tha low speed aerodynamic characteristics of an 
airfoil with slats and even multiple flaps in the design state with only a very reduced number of wind-tunnel 
runs necessary for assurance. 

9.K Prediction of Buffet Boundaries for a Wing in Transonic Flow 

One of the important problems in modern aircraft design is constituted by the appearance of a normal 
shock on the upper surface of a wing or airfoil involving an interaction between shock and boundary-layer 
development. Specifically shock-induced boundary-layer separation marks the phenomenon of buffeting loosely 
define.; as the state of very severe random oscillations of the aerodynamic forces on a wing. Buffeting thus 
poses structural lirits to the range of flight conditions attainable. The influence of buffet onset on the 
flight envelope (curve c.   versus Mach number) for a transport au craft with wings of large aspect ratio 
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and moderate sweep angle is depicted in "ig. 32 schematically. In incompressible flow (range I) the maxi- 
mum lift is determined by separation phenomena induced by adverse pressure gradients involving either rear 
separation or bubble bursting as discussed previously. Range II beginnirr at a Mach number of about Ha -  0.3 
is characterised by the appearance of a small supersonic zone around the airfoil nose at high angles of 
incidence with c.^ decreasing with increasing Mach number. An extended supersonic flow region terminated 
by a normal shocKis encountered i range til beginning at about Ma > 0.6. Here, now, the maximum lift is 
rapidl" falling off with Mach number. It is in this range that buffeting is the constraining factor. The 
diagram includes the curve for drag rise close to which the operating point for cruise of an aircraft is 
usually chosen so as to keen so»- margins AMa and Ac, with respect to the c.   or buffet-onset curve. 

Adopting flow model B according to the classification of transonic separation types (see Fig. 5) 
after Pearcey et al. [ll], F. Thomas [123J has been the first to devslop a purely computational method to 
predict the onset of buffeting which hitherto could only be obtained by wind tunnel and flight tests. The 
method relies on the argument that if buffet-onset is th« consequence of boundary-layer separation behind 
a normal shock on a transonic wing it was to be expected that the problem could be solved by employing 
boundary-layer methods. Th< analytical steps in the method of Thomas as applied to two-dimensional airfoil: 
are as follows: 

1.) Using available semi-empirical [12»] or theoretical [125] methods, the pressure distribution including 
the position of the shock is calculated assuming the flow to be attached and inviscid. 

2.) With the above pressure distribution a boundary-layer calculation along the upper surface of the air- 
foil and through the shock region is performed to determine the separation point by one of the available 
boundary layer calculation methods for compressible turbulent flow. 

3.) Steps 1.) and 2.) are repeated for a series of flight conditions (Mach number) ai.d the movements of the 
obtain« separation points and the shock position are determined as shown schematically in Fig. 33. 

t.) In Ref.[-23] buffet-onset was taken as being the condition where the boundary layer separation point 
and the shock position coincide (point A in Fig. 33). Later, with some revisions in the analysis compo- 
nents, it was assumed [126] that buffeting occured at the condition where the separation has moved for- 
ward from the trailing edge to 90 %  of the chord (point B in Fig. 33). 

The above criterion for buffet-onset has been discussed by Thomas and Redeker[l26] and by Gentry and Oliver 
[127] who made comparative calculations using different method in the computational steps 1 and 2 above. 

Some of th« results of Thomas' method at compared to wind tunnel and flight test results are shown :'i 
Fig. 34 where c,„ denotes lift coefficient for buffet-onset. For these two-dimensional examples the agreement 
between predictea and measured buffet limits is very satisfactory. 

The first attempts of ThuiT.as [123 ] to extend his method also to swept wings by applying the indepen- 
dence principle for an irfinite swept wing and by correcting the results obtained for the section airfoil 
normal to the leading edge by the cosine law were successful only for wings of moderate sweep. For large 
angles of sweep the neglect of the truly three-dimensional boundary-layer development produced too opti- 
mistic limits of buffet-onset. Therefore Redeker [Z28] (see also [126]) extended the incompressible boun- 
dary layer entrainment method of Cumpsty and Head [95] for the three-dimensional boundary layer flow over 
swept wings to include compressibility. A weak-shock concept is adopted which does not lead to separation 
of the boundary layer ahead of the shock, and again it is assumed that three-dimensional separation marked 
by confluent wall streamlines sets in first at the trailing edge and moving up towards the shock position. 
Also the 90%-chord criterion for buffet-onset is adopted. 

In Fig. 35 the results of the example calculations taken from [128] are shown. In case (a) the buffet 
boundaries for the fighter aircraft F-36A as determined in flight test Ü.29J are compared with the results 
of Redeker's method and with tfcs quasi-two-dimensional method of Thomas. It is seen that accounting for 
three-dimensionality results in much better agreement with experiment. In case (b) the comparison extends 
to two wings cf different thickness ratios and sweep angles at equal aspect ratio and drag-rise Mach number. 
The wind-tunnel experiments maae in the Göttingen-transonic-tunnel [130] revealed that in spite of the equal 
drag-rise Mach nt'-^er the thinner wing with less sweap is more favorable with respect to the buffet bounda- 
ries. This is also reflected in the theoretical prediction which is in very satisfactory agreement with 
experiment. 

The foregoing „«a.iples show convincingly that again with the help of boundary-layer methods a complex 
problem in aircraft design is made amenable to analytical prediction. 

10. SOME REMARKS ON THE SCALE EFFECT 

By scale effect generally the differences are understood which exist between the results obtained from 
model testing in a wind tunnel and the result of the full scale flight test with respect to any aerodynamic 
characteristic being investigated. The principle cause for these differences is the dependence of various 
flow phenomena on Reynolds number which is, in general, not the same in the flow at model scale and at full 
scale. This Reynolds nuaber dependence gives rise to serious problems in the extrapolation of model test 
results to the conditions of full scale or vice-versa in the ability to simulate properly full scale condi- 
tions in a model test e.g. by artificially fixing of boundary-layer transition. 

In actual wind tunnel-testing besides the Reynolds number simulation, although of prime importance, 
other aspects must be considered some of which are: tunnel wall constraints, model support interferences, 
elastic model strength, model surface conditions, the representation of components such as the engines. 
Also, the free stream turbulence level may become very important as it influences the onset of transition 
from laminar to turbulent boundary-layer flow. In the discussion to follow all these effects will not be 
considered, the major attention bein-j given to the pure Reynolds number effect. Recent reviews of various 
influences on the scale effect have been given by Hall [131], Green [13], Little[132], and Paterson [133]. 

The study of the Reynolds number scale effect consists of ersentially the study of the complex inter- 
actions between boundary-layer development and tbe external inviscid flow. Thus, again, the basic boundary- 
layer phenomena will determine the sensitivity of the flow ovc a given model-configuration to scale effects. 
In the two-dimensional airfoil flow these are: (1) attached boundary-layer flow, either laminar or turbulent, 
(2) transition from laminar to turbulent flow, (3) complete laminar separation, (<4) laminar separation with 
subsequent turbulent reattachment over short and long separation bubbles, (5) turbulent separation, (6) tur- 
bulent reattachment e.g. downstream of the shock-boundary layer interaction zone in the flow over a transonic 
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airfoil, and (7) the wake development. Although in most occasions the real flow is three-dimensional it is 
expected that the study of the basic two-dimensional boundary-layer phenomena will provide the criteria for 
assessing scale effects, as for instance the effects on a swept wing being discussed by considering a sheared 
wing of infinite span. The above mentioned boundary-layer phenomena may be subdivided into two categories 
according to their effect on the flow field as a whole. Strong interaction is provoked usually by the pheno- 
mena (3) and (S) involving complete detachment of the outer flow over an appreciable portion of the surface. 
Phenomena (1), (2) and (7) belong to the weak interaction category while the items (») and (6) involving 
closed separation region» play an intermediate role. However, it must be born in mind that phenomena which 
only weakly affect the outer flow locally are responsibly in many cases for the appearance of strong inter- 
action. Thus e.g. transition from laminar to turbulent being highly Reynolds number dependent influences 
by its location and streamwise extent the subsequent development of the turbulent boundary layer and hence 
the possible turbulent separation at a location relatively far downstream of the transition zone. Another 
example is the change of a separation bubble from the short to the long type depending on the Reynolds num- 
ber. Typical pressure distributions obtained at ONERA as referenced in Is] are shown in rig. 36. At the 
higher Reynolds number (higher velocity V ) a short bubble exists up to a 14° angle of incidence causing 
the kinks in the c -curves but otherwise not affecting the pressure distribution. At the lower Reynolds 
number the short bubble apparently bursts into the formation of a long bubble at about 8° incidence resul- 
ting in the deterioration of the suction peak pressure close to the leading edge. This example exhibits the 
inherent dangers in extrapolating low Reynolds number data to full scale Reynolds number if, as in this 
case, a fundamentally different type of boundary layer free-stream interaction phenomenon comes into exi- 
stence within the range of Reynolds numbers over which the extrapolation is desired. An example of this kind 
has actually occured with the C-141 airplane as reported on by Loving Cl3u] and demonstrated in Fig. 37. 
Turbulent boundary-layer separation in flight test was much more downstream on the wing than had been pre- 
dicted by wind-tunnel tests. The downstream shift of the shock and the increased circulation around the 
wing changed considerably the pressure distribution and hence the location of the lift-center causing in 
turn different trim requirements and greater loads on the fuselage structure than were anticipated in the 
design. 

The above examples lead to the following conclusions: 

(1.) Reynolds number scale effects may arise from a change in any part of the boundary-layer flow, the most 
significant sources of deviation being associated with boundary-layer transition and boundary-layer 
separation. 

(2.) Extrapolation of results fror one Reynolds number to another may lead to significant errors in the 
prediction cf the aerodynamic characteristics at the desired full-scale Reynolds number. 

One solution for remedy in this situa ion is to enlarge the capability of the experimental facilities in 
such a way as to always make full-scale experiments. In fact, the need for larger wind tunnels especially 
in the regime of transonic speeds has been established by the AGARO HIRT Group [l35l(High Reynolds Number 
Wind Tunnel Study Group). The second possibility, not as an alternative but rather as a complementary means, 
is to develop new, and refine existing calculation methods comprizing methods for the calculation of inviscid 
flow fields and boundary layers. The latter must be supplemented  by  increasingly reliable method or cri- 
teria to determine transition and separation in detail, furthermore methods are needed by which the interac- 
tions between the inviscid and viscous flow regimes are predictable realistically so as to allow for a feed- 
back of the influences of one flow type on the other. A composite prediction method may then be conceived, 
built up by hay of evolution, in which only the best component methods available are utilized. Al chough the 
evolution of such an ideal method seems to be remote at the present, the progress made in the last decade 
in developing numerical procedures, both for the calculation of external flow fields and of the boundary 
layer provides an optimistic outlook into the future. As encouraging first steps into the right direction 
I would consider the examples of sections 9.1 to 9.4 where composite methods have been devised to attack 
Reynolds number dependent problems (calculation of maximum lift coefficient of a multiple airfoil, deter- 
mination of buffet-onset boundaries) which hitherto were not thought to be solvable. 
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rig. 1: Effect« of th« boundary layer on the pressure distribution and the lift characteristics 
of single airfoils (schematical) 

(ä) with attached boundary-layer flow, 

© with trailing edge separation, 

@ with leading edge separation and long bubble, 

® with leading edge separation and short bubble, 

© with leading edge separation 

inviscid flow 

viscous flow 

separation point 

reattachment point 

Regions of interaction rake-boundary Layer 

Separation bubbles 

'Plain leading edge 

lim jl Boundary-layer development and typical 
pressure distribution for the flow over 
an airfoil with leading edge slat and 
trailing edge flap;  fron [6]. 
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Tig. 3:  Development of the total head pressure in the boundary-layer flow ov»r an airfoil with slat and 
fl»p; coaparlson of ■assured static pressure distributions for two different flap settings; from [7], 

rig. H: Effect of Reynolds number on the optimal slat position for naxinun lift at three different 
flat angles for flow over a slatted airfoil with & ooped nose, after [»]. 
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x/c xjc 

hndel R: Babble type separation      Model B: Rear separation 

Fig. S: Flow aodals ««plaining shock inducod separation «ff«cti on transonic airfoils. 

U(x) = external velocity distribution y,xj 

Velocity distribution u(x,y) within the boundary layer 

Hg. 6: Davalopaant of an attach«! boundary on an airfoil ilk« body (tchasatlcal). 
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Fig. 8:  Schaaatlcal sectional via« of a turbulent boundary layer and aean velocity profile. 
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Expirirnental data, Ref [31] 
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fit- 9:    logarithmic rapranantatlon of th« »«locity distribution of • turbulant 

boundary layer: 

(J)   In wall-orientatad coordinataa (law-of-tha-vall), 

@   In adga-oriantatad coordinataa (»alocity-dafaet-law or law-of-tha-wak«). 
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Fig. 10: Composite velocity profile of a turbulent boundary layer 
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rtj. 11: Result* of different boundary layer calculation aathoda applied 
to the experlaertal case of Schubauer and Klehanoff [63] aa 
presented at the Stanford Conference [62]. 
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fit- 12' Results of too calculation «ethod of Green et si, [«tsjapplied to the experimental esc« of 
Schubauer and Kiabaooff [63] Including th« effect» of convergence and longitudinal curvature. 
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fig-   1*'    sesults of tl.« calculation net nod. of Green et al.   [<t»J and Head   [is]   applied to the 
experlaental case of Schubauar and Spanganberg [6 a]. 
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Fig.   13:    Results of different boundary Layer calculation «ethods applied 
to the experiuent.il case of Schubauer «rd  Spanfenber;;   [6»)   aa 
presented at the Stanford Conference  [62]. 
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flg.   15;    Predicted separation points for the experimental pressure 
~   distribution on the HACA 662-H20 airfoil; fro» [65]. 

0.01 

O.OOOi 

Fil.  16:    Calculated skin-friction coefficient of the transitional 
flat plate boundary layer for different levels of free-strea» 
turbulence; froa  [68], 

MMu 



7-37 

6zLw] 
0.05 
*] 
OM 

0.03 

0.02 

0.01 

0 

T i      r 

o      Measurements 
  Prediction 

S     10     15     20    25    30    35 

fig. 17: Calculated shape parameter and «OMntu» thickness of • transitional boundary layer 
in comparison with measurements; fron [68] . 

Boundary Layer predictions 
start at this station 

rig,   1»,:     leometry and Masured pressure distribution  for waisted body of ravoU-tion, 
after Winter «t al.   [so]. 
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rig.  20.    Comparison between the distribution« of »kin friction and aomntua thickness 
Reynolds number as measured by Winter «t «1.   [80]  and th« predicted distributions 
as ealcclt'ed by th« aethods of Haad   [HS]   and Gr««n «t al.   («9]   including 
secondary «ffacts; 
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Limiting wall streamlines 

External streamlines 

Leading edge 
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Trailing edge 

Fig.  21:    Patterns of three-diaenaionel boundary-layer separation:   (£)  separation with a siagalar 
point Si 0  separation fron a line of confluent Uniting Mall streamline«; 
© separation on a yawed infinite wing. 
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rig. 22: Sketch illustrating curvature effect of trailing edge wake on the external velocities 
and pressures. 
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Potential theory 
--o— Prediction after [10SI_ 
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• -A- - Measurements ther[1Q7] 
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F1g-  ;t>:     lustration of the qualitative behavior of the viaeoua flow throujh the flap alot 

of a flapped airfoil:   0  favorable,  0   unfavorable flow aituatlon. 
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Fig.  25:    Effect of gap width or. the pressure distribution over a flapped NACA 0006-airfoil 
at zero incidence and 15° flap deflection as measured by Schröder [118]. 

(I: region or irrotational inviscid flow,   II: region of detached rotational rlow, 
III:  region of closed recirculating flow). 
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rig. 26:    Saoke contour lines derived fro» flow visualization pictures in the slot region of a 

tUpped N/.CA 0006-airfoil;  from [118]:   ®  for varying gap width    s    at constant    overlap    d, 
(b)  for varying overlap    d    at constant gap width    s. 
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Tig.   27: 

Comparison or measured  [ill] and 

calculated  [106] lift coefficients 

showing the effect of varying gap 

width    s    at constant overlap    d 

for a flapped NPL 3111-airfoil. 

experimental 

calculation 

(Note that the experiments were  carried 
vit with the broken line contour while 
in the calculations the solid line 
contour was used). 
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Regular trailing edge 
Source distribution 

rig.  28:    Theoretical model of the two-dimensional flow over an airfoil with «lat and flap 
■iaulated by an additional source flow over the separated region according to Jacob  [121] 

^^^MEm^ mmmmm 
Main airfoil 

~1 
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x    ,-,«,,„  „., X---Q,019 Flap nose at: y • 0.992 and f 

rig 29: Calculated separation characteristics of a NACA 23012-airfoil with flap at two different 
Reynolds Lumbers: (a) lift coefficient vs. incidence for constant flap deflection, 
Qv limits of flow types dependent on incidence and flap deflection; from [121] 
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Calculated separation point 

Fig.  30:    Calculated and measured pressure distribution on a slatted NACA 6t-210-airfoil 
with drooped nose;  fron [121]. 

Yiginat measurements 
by W. Baumert [122] \ 

Measurements corrected 
for infinite aspect ratio 
Theory K. Jacob[121] 

TiR.   31: 

Comparison between measured and 

calculated lift-vs.-incidence curves 

of a slatted NACA 6H-210-airfoil with 

drooped nose; fro» [121] 

k0°   &    60° 



7-46 

1.6 

1.2 

0.3 

Q.k 

$L 
Incompressible flow. 

(f\ 
Supersonic How at 
the leading edge &. 

Siiü:!<-induced separation 
(buffeting) 

1.0   Ma    1.2 

Fig. 33= Dependence of maximum lift on M«Ch number and asaeciated »»paratlon phenomena. 

0,88 

Ma^ 

OM 

0.80 

0.76 

0.72 

0.68 

a = 
r 

const 
1 

-const 
i 

Shock lo cation,/ Separation 
location 

~--fi a8uff 

/ 
/ 

-/  
/ 

•^ß 

/ 
/ 

l    \ 
1 
1 
I 

. 

0.9 
1 
1 

0        0.2      O.U       0.6       0.8 _£_ 1.0 

rig.   33:    Chordwiaa location of r.ornal rhocV. and »«paratlon point depending on Nach number 
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rii. 30: 

Comparison of experimentally deterained 
buffet boundaries vith the theoretical 
prediction» after tl:s Bethod of Thomas [123] 
for two different wing sections. 
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ria.   Ml  Comparison of experimentally deterained buffet boundaries with theoretical predictions 

0 for the fighter aircraft T-86A in flight test [129] at Re =   107, 

©  for a variable sweep wind tunnel nodel  [130] at Re =  1.3  •  10 ;  from  [128]. 
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SUMMARY 

Ts» aspects of (meine installation aerodynamics are considered : theoretical design and jptimizatiou of the engine instillation, 
and eiperiswatal study. 

Air intake, afterbody, and engine, aircraft integration problems are analysed for high subsonic and supersonic aircraft. 

High speed and iow speed perfortsance are discussed, and variable geoaiet ry devices are commented on. 

Special attention ia given to the signification of the various propulsion and drag balance terras. 
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1. INTRODUCTION 

The purpose of [bis lecture is 10 present some elements that have to be considered while evaluating the engine installation 
aerodynamics. 

Th*. subiect «ill be focussed on air intake and afterbody studies for high subsonic or supersonic aircraft   In some measure, 
definitions, computation methods and test processes can be extended to V.T.O.L. or hypersonic engine installation. 

The subiect will be only partially covered, and other general information could be obtained from recent review papers or basic 
courses Sli to [91. References reported in this paper are only illustrative, and are very incomplete. 

2. GENERAL 

2.1. Thrust and drag components 

Engine bench test results, complemented by some computations, give the possibility to predict the flow at the rear throat of the 
engine, or at the two exhaust station in the case of a by-pass engine, when we know the characteristics, of the flow delivered by the 
air intake, or these characteristics and the local static pressure field at each exit station if the flow is not choked by a sonic throat 
at the exit. 

find tunnel tests o- computations give t he possibility to define the intake flow and the exhaust flow conditions (taking into 
account the preceding engine characteristics) and then to estimate the net forces applied to the aircraft. 

The engine nominal thrust has to characterize the engine performance, and can be defined as rhe increase of momentum between : 

i - the free-stream (upstream infinity) mass flow that would feed the engine if the compression was isentropic, or was governed by 
a given standard air intake pressure recovery, and 

ii - the corresponding exhaust flow(s) that is(a,-e> supposed expanded, parallel to the free stream and isentropically, down to the 
free stream static pressure, -or the same exhaust flow minus a standard thrust reduction defined by a standard exhaust nozzle,- 
or with a given friction drag on a rear plug or annular centerbody. 

Standard air intake pressure recovery and standard afte.-body thrust reduction coefficient are still to be defintd and adopted, if 

we are to obtain a standard presentation of the engine Jan. Thert exists only an USA normalized intake pressure recovery law for 
military aircraft (see fig. 20 and [ 101). 

"glider" and engine installation (fig. 1) 

To discuss the aerodynamic performance of an engine 
installation, at a given altitude and constant flight Mac a 
number, it is necessary to define a "glider" that represents 
the aircraft without engine inst.illation, although this is 

always more or less arbitrary. 

This glider is characterized by a "polar", curve of tr-e 

lift coefficient C,   versus the drag coefficient Cp. 

The optimum engine installation is the one that gives 
the mariirum net propulsive force, when the weight of the 
aircraft is balanced by the lift. That mesas, as can be 
easily verified, that the jet is deviated downwards, the 

net thrust angle being given by   la £. =   a Co / 0 C\. 
at the functioning point on the polar (assuming no external 

interaction). 

To analyse the thrust and diag elements of the engine 
installation, wc have in the same way to take into account 
their contribution to the lift, a lift eflecr   A L    being equi- 

valent to a thrust intense or a drag reduction AD 

AD = 
-  AL 

dc/dCo 
It would be also necessary to consider the effect of the 

engine installation aerodynamics on the equilibrium drag : 
that would be easy if  he longitudinal trim was associated 

with a given law of drag. 

To simplify, we will not mention any more this effect, 
that can be rendered negligible in some cases,for instance 

by an adequate camber of the wing. 

K. ,P. 

*-L ^V>    ^3ZES? 
"  tac.-l— 
P     3      dC/dCp 

P» Vj, P. 

tOUIVailWT THBUW 

TMOUtT 

Co (fc) 

GLIDER    POLAR OPTIMUM ENCINE INSTALLATION 

uTtawti react e»Ti EQuiv«nnt jet mauvr 

'^4 
/ f QUIV«HNT ocua 

3        (dC/dCo) 

EQUIVALENT  DRAG 

q«x»*0-a )AJ 

EQUIVALENT JET THRUST 

F!C. 1 ■ THRUST AND DRAG EQUIVALENCE 
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The effect of the engine on she weight and the center of gravity position is not involved here, since only the aerodynamic forces are 

examined, for given total weight and center of gravity. 

The preceding equivalence are well adapted to configurations with the main component of the thrust aligned with the speed, Fot 
V/ S.T.O.L. aircraft in horizontal low speed flight, the horizontal forces would be no more con-«nient to appreciate the effect of the 

engine installation : a vertical projection would be more appropriate. 

The engine nominal equivalent thrust 

The engine nominal thrust T<n,   deflected of £   gives an horizontal thrust of (<i- £/iV"n. and a lift force equal to£Tn , what 

is equivalent to an horizontal supplementary thrust of £ V Then, the engine nominal equivalent thru.it is equal to ( A * & ft. )f n 

The engine installation for nacelle) net equivalent thrust 

If Cn andCi   are the drag and the lift coefficients of the "glider", in horizontal flijht, and if CL», is the lift coefficient that 
equilibrates the weight,  C, v - C,  represents the lift effect of the tngin.' installation. The equivalent thrust is then equal to 
Cn + (Cr. - C, ) ciCry'dCi . As fC. T - C|_) is small enough to be linearized on the polar, the sum represents the drag coefficient 
of the polar at a Ci   = C. v that equilibrates the weight : this will be taken as a definition of the "net equivalent thrust" of the 

engine installation. 

The engine installa'ion aerodynamics can be judged by the thrust reduction between the nominal equivalent thrust and the net 

equivalent thrust. 

This loss can be introduced into internal and eiternal aerodynamics of the engine installation, by the definitioes given oelow. 

The installed engine equivalent internal thrust has to reflect :he internal ?cformajice of the engine installation. 

It can be defined as the increase of momentum, fron ehe free stream totil mass flow that is captured by the air intake, to the 
exhaust sections of the same flow (that can have fluid frontiers, for instance in the case of «a auxiliary flow captured by a door 
downstream of the air intake, and limiting the nozzle flow*, plus pressure terms in these rections (with respect to the free stream 
pressure), plus forces (with respect to the free stream pressure) on some parts of external surfaces that are considered as internal, 
like ceaterbody annular boattail of a bypass engine. 

If the exhaust system is not parallel to the free stream, and present s a lift component AL , a thrust increment AT=  
has to be added. dct/dc„ 

The engine installation (of nacelle) equivalent external drag is then the difference between the "installed engine equivalent 
internal thrust" and the "engine installation net equivalent thrust* and reflects the external drag of the engine installation. This 
drag includes not only the interference drag between the nacelle and the glider, but also between the jet and the glider. 

The installed engine equivalent internal thrust reduction , that Is the difference betwein the "nominal'and the "installed* engine 

equivalent internal thrust, may include the following elements : 

- The intake/ engine equivalent internal thrust reduction, that is the difference between tne "nominal" and the "maximum intake/engine" 
equivalent internal thtust , and characterizes the effect of the pre sure recovery of the intake : the "maximum intake/engine equiva- 
lent Internal thrust* is the increase of momentum, from the free-stre    ". tube that feeds the engine with the actual pressure recovery 
of the intake, to the corresponding exhaust flow that is supposed exp~ided down to the free stream static pressure with the same 
assumptions than for the nominal equivalent thtust. 

- The internal boundary layer bleed and bypass flow equivalent drag, that is the resulting inner drag force on the stream tube, from the 
free-stream to the exhaust, of the bleed or bypass flow, minus possibly the drag correction due to a lift effect. If a patt of the mass 
(low is elected by the nozzle, it can be considerer thai the flow is exhausted by an isentropic expansion from its maximum stagnation 
pressure, the supplementary drag effect being accounted in the "nozzle equivalent thrust reduction". 

- The nozzle equivalent internal thrust reduction, that is the difference between the 'nominal engine eq. thrust", less the "intake/ 
engine eq. Internal thrust reduction', less the "internal bleed and by pass flow eq. drag", and the "installed engine eq. internal 

thrust". 

This term characterizes the fact that the internal flows delivered to the nozzle are not used with their maximum efficiency. 

The engine installation (or nacelle) equivalent external drag may include the following elements : 

- the boundary-layer iiverter eu.drag, 

- tne strut eq. drag, 

the addive eq. drag, thai Is the equivalent itag of the pressure forces applied to the intake flow stream tube goin^, irom the upstream 

infinity to the capture section. 

The intake cowl eq. drag 'from the intake captute section to the maximum section of the engine installation), 

The spillage eq. drag : if the additive and ccwl drag are evaluated for the maximum mass flow of the intake, the supplementary 
parts of the additive and cowl drag (and possibly other drag terms) that appear when the mas:' flow is smaller than tne maximum, 

is calleo the spillage drag ; 
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- The afterbody external eg. drag, that may include : 

• the auxiliary How eq. drag : drag of the auxiliary stream tube from its section at the maximum diameter of the engine installation 
to its erbaust section, that may have a common fluid frontier with the internal flow, 

• •** '«oatti.ii eq. drag : 'rom the maximum diameter plus possibly an auxiliary stream tube/to the final external section of the 
engine .nstailarion. 

flow ; 
the base eq. drag : from the final external section of the engine installation to the exhaust sections of the afterbody total mass 

- Tne interference eq. drag that is the complement to the engine ins:allation eq. «xatrnal  drag ; the interference effect can be dis- 
tributed between some of the preceding elements. 

* Friction drag " and 'pressure drag" can be distinguished as parts of some drag elements. 

The sum of the "nozzle eq. thrust reduction" and of the "afterbody external eq. drag" constitutes the afterbody net equivalent thrust 
reduction. 

The list of the th.ust and drag components is summa- 
rized fig. 2. The definitions may have to be more speci- 

fied, adapted or completed for each part icular case, but, 
when they are, they gi'. e a good view of the propulsion 
balance and of the engine installation characteristics 
and performance, keeping in mind, however, that the va- 
rious terms are not itiu-oendent of each other. 

Weight, drag and pressure recovery exchange coefficients 

At a given Mach number, a drag modification 
can be expressed as a lift, or a weight modification, 
by tSe relation   AW a A D x d CL /dCD 

plus possibly the longitudinal trim drag term. 

An •.'■crease of the intake pressure recovery impli- 
cates a higher mass flow and a revised nacelle (mainly 
larger entry and exhaust section areas), and provides 
an   increased internal thrust and a decreased external 
drag, or an increased net thrust, that can also be 
expressed as an equivalent weight decrement. 

However, asthe Specific Fuel Consomption is also 

a function of the intake pressure recovery, and as the 
wight involves all the stages of the flight, it is neces- 
sary to calculate some exchange coefficients between 
the weight, the thrust (or drag), and the SFC, at various 
given flight conditions, based on some aircraft global 
performance like payioad, range, or Direct Operating 

Cost. 

This problem of optimization of the global perfor- 

mance is discussed for instance ref. (111. • 

ENGINE  INSTALLATION NET EQUIVALENT THRUST.D^aitjt.ft. 

(Cow = OR*ä   COEFFICIENT   OF THE OI.IDER        AT    r,        .,   , 
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FIG. 2 ■ THRUST ■ DRAG BALANCE 

Thrust and drag terms evaluation 

Vind tunnel model tests are mainly used to verify the global aerodynamic characteristics ; the various terms of tn; thrust and 

drag balance are rather  discussed in the preliminary theoretical evaluations of a project. However, fundamental test results on 
isolated parts of the engine installation are used to assess the computations. 

Theoretical evaluations and experiments will be commented on further for the cases of high subsonic and supersonic aircraft. 

2.2. intake pressure recovery definition 

One of the main parameters of the propulsion performance is the intake pressure recovery, ratio of the mear. stagnation pressure 

of the flow at the compressor face, to the isentropic stagnation pressure of the free stream. 

As the flow is not uniform at the compressor face, a mean flow has to be defined. Due to the function of the air intake, it is 
convenient t o do that by replacing the actual flow by an uniform flow that has the same mass flow, enthalp, and "dynalp" (sum of the 

momentum and of the pressure force). 
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Almost equivalent definitions [91, easier to apply to the air intake tests, are obtained either by taking an uniform flow of the same 
mass flow, enthalp and static pressure (when the static pressure is constant), or by computing the mean stagnation pressure by an 
area-weighted integration of the measured stagnation pressure distribution. 

The definition used has to be specified, although the differences of results are usually smaller than the Precision of the knowledge 
ot the engine thrust. 

On the other hand, the definition by a mass-flow-weighted pressure recovery has to be condemned,because it eliminates the effect 
of low stagnation pressure (and mass flow) regions, and gives too optimistic valui-s, leading to an overestimation of the thrust and the 
surge margin. 

2.3. Pistorsion problem 

A number of publications ([121 <o [181> show that the working of an engine in a non-uniform, stationary or non-stationary flow can 
be pretty well predicted when the distorsion of the flow delivered by the intake is known. 

Stationary flow survey is easely obtained it. air intake tests by "pitot" pressure measurements at the compressor face station. 

When the flow is unstable, the distorsion has to be measured by dynamic fast response stagnation pressure instrumentation. A 
cut-off frequency 1/T of the measure should be chosen in such a way that the well length X s »n ,T p product of the «xial velocity 
Vn. at the first blade stage by the cut-off period T, be of the order of two or three times the blade chord [151. 

Each engine manufacturer has its own distorsion index, and it is still not possible to know the most representative. These various 
indices are, in fact, similar, in that sense that they take into account the amplitude and the extension of the reduced speed regions 
(low stagnation pressure regions) that give higher incidence on the blades and give rise to a stall risk. 

The following distorsion indices can be mentioned 

DC 60   =   P6Q mm  - P [13, Ml, 

A P&o min : area»weighted stagnation pressure of the 60° section where the mean stagnation pressure is minimum, 

4     P    : area-weighted stagnation pressure of the whole section, 

A    q     : mean dynamic pressure,   jt 9 $ M 

n.s        _      _ 
KD, = 400 21      ( p ^_p"»i"    5") 

r\wA   \ D ' 
[121. 

A H   : index of a ring, the whole section being divided into 5 rings of equal area, 

A P  : mean stagnation pressure of the ring, 

* Prrtm : minimum stagnation pressure of the ring, 

4 6~: angular extent, in degrees   of the largest depression under P mm, un the ii.:; 

KD = 
r. (~V 

n«8 [Ma 171. 

This last index gives more weight to the flow near the hub than the preceding one ; the surge correlation has been improved 
this way, for a particular engine. 

The influence of the distorsion index on the engine performance and on the surge margin depends of the engine characteristics. 

Some examples can be found in the given references, ot others. 

3. ENGINE INSTALLATION FOR SIBSONIC AIRCRAFT 

3.1. Intake profile 

The Mach .lumber distribution reported figure 3 illustrate» the problem of the intake profile that is a compromise between high and 
low speed performance, 
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At high speed (M = 0.85) ths extern»! flow is super- 
critical, and, in order to avoid the drag thet would 
result of too high an overspeed, it is necessary to limit 

the deviation of the flow around the lip. That means a 
small external radius of the lip at the stagnation point 
of the capture streamline, and also a pretty thin lip to 
avoid an internal sonic throat. 

At static and low speed, it is necessary to avoid 
a separation of the boundary layer inside the leading 
edge due to the flow turning around the lip to gather 
the intake. That means a large entry area (that is 
limited by the high speed drag) and a large internal 
radius (that is limited by an internal sonic throat). 

The result of an optimization process gires to the 
lip the characteristic shape drawn in the figure. 

A small drag nacelle a: high Mach number has also 

to have a very small curvature at the maximum diameter, 
what corresponds to a long intake duct, but a compro- 
mise has then to be found with the weight..1," 

It is interesting to note the use of a "peaky" type 
supercritical profile. When the miss flow is reduced, 
this effect is more pronounced, and drag appears. A 
large margin may be necessary when the nacelle drag, 
with one engine out, is critical (two-engine aircraft). < 

At low speed, the worst (and det ermining) condi- 
tion is at stctic with cross wind, The internal overspeed 
on the lip lacing the cross wind is increased, as shown 

figure 3, and an internal separation of the boundary 
layer may result that gives an high internal flow distor- 
sion. 

M .aes 

100       xmm. 

FIG. 3 ■ INTAKE PROFILE DEFINITION 

Figure 4 shows a typical effect of the cross wind at -various 

forward speed V    and mass flow (identified by the internal Mach 
number Mj). 

For a given forward speed V0, and a given cross-wind (for 
instance the maximum normalized cross-wind, 1? m/s), at low 
mass flow, we observe an internal separation due to a te-> low 
Reynolds numbet, and that disappears at higher mass-flow. At a 
still higher mass flow, separation reappears, due to a too high 

overspeed on the lip, 

For a given cross wind, the forward speed reduces t he well- 

effect of the intake and improves the lip flow, widering the mass 
flow range without separation. 

If an improvement of the lip shape (thicker internal radius) 

cannot be accepted due to the other conditions, a solution has 

already been used what is to apply the maximum power of the 
engine only when the speed of the aircraft on the runway is suffi- 

cient to be above the separation area. 

Variable geometry can help to solve this problem (parag. 3.2). 

Calculation methods of »uncritical potential flow and boundary- 
layer are currently used in the design offices ; they a.-e applied to 
a configuration of the same mass flow coefficient (ratio of the 
upstream captured streaintube to a reference intake section), but to 
a reduced Mach number, to lemain subcritical. The results are 
generally satisfying, although development of * supercritical 
method will permit one to improve the precision of the performance 
prediction  Several published experimental analvses allow one to 

start a preliminary design [191 to [261. 
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Definition of a high performance   fixe! geometry intake can be achieved this way when the emit ; Mach number is lower than 0.85 
or 0.90, according to the engine mass flow characteristic. 'For higher Mach number, drag penalties have to be accept d, or variable 
geometry to be required* 

3.2. Variable geomet ry 

When a high cruise Mach number imposes a thin leading edge, variable 

geometry can be used to reduce the overspeed on the inner profile of the 

lip at lor speed, either by enlarging and rounding the lip, or by opening 
auxiliary intakes, which reduces the mass flow passing through the front 
entry. 

Some of these devices are presented on figure 5. The best solution is 
still to be defined in terms of efficiency, weight, and noise effect. Lea- 
ding edge flaps, for instance, could He a competitive solution for large 
engines compared with the other devices already used. 

FLEXIBLE  LIP LEADING EDGE FLAP 

3.3. Ground effect 

Figure 6 is only presented to emphasize the effect of the ground 

proximity. 

At static,  the boundary layer on the ground, due to the velocity 
induced by the intake suction, gives rise to a 'ortex that may be 

si allowed by the intake, giving an internal flow distorsion. 

If the ground boundary layer is amplified by the wind, or is gene- 
rat 'd by the wind-tunnel speed (intake test at uke off speed without 
"mi.ing belt"), the vortex may be increased as shown on the figure. 

Of rourse, it isblown at higher speed. 

The comparison of the flow visualizations and of the stagnation 

pressure distribution without and with amoving belt» proves that the 
study of the ground effect without moving brlt is not representative, 
the strong voices rhat may exist in the wind tunnel test being a 

parasitic effect. 

*   C2CS» 

LEADING EDGE DOOR TRANSLATING LIP 

BLOWINO   SLOT        SINGLE  SLOTTED INLET 

FIG. 5 - AUXILIARY TAKE-OFF DEVICES 

GROUND ROLL(WIND TUNNEL WITHOUT MOVINGBELT,' 

GROUND   ROLL 
(AIRCRAFT,OR WIND TUNNEL   WITH MOVING BELT) 

♦ F(C. i - GROUND EFFECT 
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3.4. Intake noise 

Some devices to reduce the noise from the intake are presented on figure 7. 
[241, [271. [281. 

The first type of device consists in forming a near sonic throat ahe.vl of the 
compressor face. As thi noise has also to be reduced at reduced R P.M. ^approach 
flight), the throat section has iobe ajustabie. This can be realized '    a contrac- 
ting cowl vail or a translating cente;body. 

A second type con?'^;s in reducing or suppressing the "line of sight'to the 
rotating blades though the inlet ; parts of the walls are of absorbing materials. 
Intake isthen longer, but with a filed geometry. 

Discussion of the various possibilities are still progressing, one of the 
problems being to know the effect of the change of distcrsion and turbulence 
level of the intake flow on the exhaust noise, at static and in fly-over situation, 
and to take into account the effect on the noise of a readjusted engine power 
to compensate a reduced intake pressure recovery. 

CONTRACTING 
COWL WALL / 

TRANSLATING 
CENTERBODY 

•LINE OF SIGHT* 
REDUCTION 

Tr-MM pontl 

3.5. After body shape 

Two types of afterbodies seem competitive for a by-pass engine . the 
mixed flow and the separated flow, with or without a terminal plug (fig. 8) 
[241 (251. 

The experimental resi-lt reported figure 9 shows that the fan exhaust flow 
presents a succession of transonic waves that are still not accessible to 
computation. 

MIXED    FLOW 

SEPARATED    FLOW 

SEPARATED FLOW WITH ACOUSTIC TREATMENT 

FIG. 8 - AFTERBODY CONFIGURATION 

1,0 

0.6 

luef\ 

V! 

FIG. 7 - INTAKE NOISE ATTENUATION DEVICES 

FIG. 9 ■ BY-PASS ENGINE 

AFTERBODY FLOH 

S5 Ch*l*"> tr*n»on7e W T 

M,s 0.65 
0»«tO,»«10» 

,>V-»-^.-^_t,,' 
ExT»m#l f.t'r'ng 

M..0.65 

The compressible transonic method can only be applied to calculate the flow on the boattail by giving a approximated shape to the 
jet frontier, ft is very profitable to optimize the boattail length and curvature. 

A discussion of comparative performance requires also to calculate the friction drag, including the drag (thrust reduction) of the 
internal flow, the thrust improvement due to an internal mixing of the hot jet with the cold jet [29], and the respective weights. 

Rules for preliminary design ba»ed on experimental results are proposed ref. [30, 31, 321. 

Slightly convergent-divergent nozzles are usually desirable to adjust the jet to the ambient pressure, but the nozzle expansion 

has to be a compromise between cruise and take-off, due to higher jet pressure ratio in cruise [241. 

Studies of acoustic treatments of various afterbodies on the performance characteristics are reported ref. (24! (internal wall 
equipped with absorbing materials, and installation of acoustically treated rings into the fan exhaust channel). 

It is shown that the "terminal plug"   is not attract!"«, and that the choice between the separated or the mixed flow is not decisive, 
and can be a function of the reverse performances    (that are not evaluated) : a higher reverse thrust indeed permits a reduced length 
of landing roll, and consequently a higher altitude of fly over at approach, which means a reduced noise,.. 
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3.6. Nacelle installation aerodynamics 

The choice of the nacelle position is guided by (he area rule applied to the complete aircraft [33) to [351. 

For large capacity aircraft, the variation of the center of gravity with the passengers number is more important when the engines 
are near the tail than when they are under the wing :the trim d:..g is higher for the first solution, and has to be taken in'o account in 
the aircraft performance comparisons [351. 

On the other hand, the engine installation near the rear fuselage, which permits the capture of the fuselage boundary-layer, may 
be considered, as it may improve the propulsion efficiency [36!. 

A complete discussion of the engine position is beyond the scope of this paper, but it must be emphasized that it is important to 
study the engine nacelle in its environment. 

Three-diir ensional flow theories give useful indications on the pressure distribution around the wing, body, strut and nacelle 
arrangement [37] to [391. 

Sind tunnel tests complete the flow analysis, and permits detailed investigation of some jet interference effects (on the control 
surface), and other complex phenomena [40). 

3.7. 'Wind tunnel tests 

3.7.1. intake tests 

Wind cunnel test arrangements are presented figure 10. 

Intake drag (additive + cow' drag) can be obtained 
by internal flow survey giving the momentum and pres- 
sure force increase f rom the u,>s' ream section of the 
captured mass flow to the internal measuring section, 
and by measurement of the longitudinal force acting on 
the cowl (pressure integration + external boundary 
liyer survey giving the friction drag, or force measure- 

ment by a balance) [411 to [431. 

Measurements of the pressures on the external na- 
celle profile permits one to appreciate in which limits 
ehe measured drag has an absolute value (if the pres- 

sures on the rear part of the nacelle are practically 
identical to those created by a mass flow, the external 
flow being entirely isentropic), or has only a compara- 
tive value (if the pressures on the rear part are the same 
for the compared configurations). This is discussed ref. 

[42]. T..e conclusion of this discussion is that, at high 
subsonic Mach number, the inlet dtag indicated by the 
intake test is not perfectly representative of an absolute 
drag term, and cannot be dissociated from (he afterbody 

drag. 

3.7.1 Afterbody tests 

Intakt droa by pressure and boundary-Icyer measurement 

Isolated   fan inlet tests with metric cowl  C*-n 

////,///...-../. ,-,-, .■/,;_,■.■./.'.■,,■,.■.:■.■■.■. . y,-y. , 

Upper rake 

Usual arrangements of afterbody tests are presented 

figure II from [44 |. 

FIG. 10 ■ EXPERIMENTAL INTAKE STUD* 

Meosuremenf of spilloqe drag by the woke traverse method 

OS] 

These arrangements are not perfectly representative, 
because the flow curvature around the leading edge of 
the intake is not reproduced, and the boundary layer is 

not at the proper scale. Boundary layer bleed on the upstream sting has already been used to reduce the boundary layer thickness. 
An example is shown figure 11, from ref. [45] (nacelle/wing profile interference test). 

An arrangement permi((ing one (o reproduce (he flow from the leading edge, and (o eliminate (he s(ing boundary layer upstream 
of the leading edge, is suggested at the bottom of the figure [421. 

3.7.3. Complete nace.ie and interaction tests 

Simulation of the engine on a wind tunnel model, at a given Mach number, would mean : 

- same in(ake mass flow coefficient, 

- same external geometry 'intake and nacelle cowl, exhaust section and afterbody profile), 

- same jet static pressure and Mach number. 

■M m 
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- same jet temperature and ratio of specific heats. 

A good approximation is obtained by restrai- 

ning the simulation lc the three first item. 

No possibility exists today to obtain such a 
simulation. 

The best approach (and the most difficult and 
expensive) is the "powered nacelle" [321 (fig. 12). 
It permits one to reproduce the exhaust condition 
(even the jet temperature) with only a small diffe- 
rence on the captured mass flow. 

More simple is ejector system (fig. '12), that 
necessitates a more important reduction of the 
captured mass flow to obtain the correct simula- 
tion of the exhaust flow [461. In that case, the 
intake entry section and cowl profile may be 
rrajusted, to keep the external flow as isencro- 
pic as the real flow, if possible. An emerging 
bulled in the center of the inlet can be used to 
this purpose^the supplementary drag introduced 
by this solution can be measured on an air 
intake test ring . (fig. 12, at the bottom), [471, 

[481. 

At low speed, it has been proved for a long 
time that is was sufficient to reproduce the 

chrust coefficient C u. of the jet to obtain a 
good simulation of the global effect of the jet 
on the airplane aerodynamic characteristic, 

even with a modified nacelle (afterbody geo- 
metry, captured mass flow...). Faired over- 
inlet are often acceptable ("blown nacelle"). 
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Coefficient C\l is ehe (non dimensional) product of the exhaust mess flow by the speed of the jet flow eroanded to ehe stream static 

pressure, divided by the referent-.- of the fcrces. Since the speed of the wind tunnel in incompressible flow is an independent parameter 
(neglecting the Reynolds number effecO.it is possible to adjust it to obtain a simultaneous simulation of the intake mass-flow and 

the    Cfi     >■> 'he "ejects.* nacelle". But it is often more useful to test the model at the maximum Reynolds number. 

Repeatability and precision of the ejector and blown-nacelle technique »re discussed ref. (491. 

4. ENGINE INSTALLATION FOR SUPERSONIC AIRCRAFT 

4.1. Supersonic inlets 

Two types of inlets are used on supersonic aircraft : the external supersonic compression inlet, and the "mixed* (external/ internal) 
supersonic compression. 

For cruise Mach number equal or lower than about 2.2, external supersonic compression gives the highest pressure recovery with an 
acceptable cowl drag penalty, and with a short total length and weight. 

For higher Mach number, mixed compression becomes more attractive, in spite of the starting problem that complicates the control 
system, thanks to a lower drag and an equivalent or better pressure recovery. 

Common computation probl :ms, and particular characteristics of each type of intakes will be successively presented. 

4.1.1, Computation problems 

The supersonic compression is calculated by the well known method of characteristics (fig. 13) [501 to [52) ; the example of fig. 
13 is taken from ref. (53). 

The wall is corrected by the displacement thickness of the boundary layer. 

Boundary layer theories have been developed to take into account oblique shock/boundary layer interactions, and boundary layer 
suction that may be applied in the high pressure gradient or shock region of the supersonic compression [541 to [56]. 

The "normal" shock/boundary layer interaction 

is a complex problem of coupling a strong shock 
transonic fiow with a boundary layer, and is still 
not solved. As the compression capability of the 
subsonic diffusor is function of the ent.y flow 
and its boundary-layer, the design of the transo- 
nic region and the subsonic dirfusor of the intake 
is still based on experimental results. 

The internal Meed system of the Boeing SST 
intake is reported fig. 13 [57|   When the flight 
Mach number decreases, the centerbody is trans- 
lated forward, but the normal shock always takes 
place at about the same position ; then the bleed 
has to be successively applied at various loca- 

tion of the centerbody, which is obtained by the 
complete perforated wall of the subsonic part of 
the centerbody combined with the partitioning 
of the incernal structure and a fixed bleed 
exhaust position, as shown by the figure- 

Furthermore, vortex generators are often 
fixed on the subsonic diffusor wall so that the 
boundary layer can accept high pressure gra- 
dients without separation. 

In these particular conditions, the boun- 
dary layer computation, that is essential to a 
theoretical study of the subsonic diffusor, is 

still not achievable. 

The fluid-wall bleed of figure 14, compared 

to the perforated-wall bleed system, offers the 

advantage of more flexibility and higher bleed 
pressure recovery. A computation method des- 
cribed ref. [59! gives very good results by pre- 
dicting the evolution of the intake flow pressure 

[«1 
INVISCID  FLOW CALCULATION (M»rhod ofdoroctenshes) 

Incident «hock Refleel.d »hock 

bleed, mb 

BOUNDARY   LAVES     CALCULATION [5<0 

NVort«Ä   generator 

BLEED   SYSTEM (BOEING SST)     I.S73 

STARTING   PROCESS 
AND M.N. ADJUSTMENT    (Bowing SST)    '** dljchnrge 

HG. JJ - M/XEO SUPERSONIC COMPRESSION INTAKE 
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recovery with the bleed flow, and the stability limit of the system. 

Some experimental results of normal shock (boundary layer intera-tion in a duct with "educated" holes and other particular bleed 
devices) are given ref. {591 and [601. 
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F/G. 75 • COKCOffDE-TYPE AW INTAKE 

4.1.2. External supersonic compression intakes 

A large number of experimental results hive been published on this type of inlet. Many of them are collected ref. (31. 

When a fluid-wall bleed system is installed at the entry normal shock impingement on the wall, at the end of the supersonic 
compression, the usuai normal shock is replaced by a two-shock system Ike that of figure 13 (Concorde-type intake [611). The entry 
shock is incurved from the intake lip, where itisastrong oblique shock, to the bleed cavity where it is a weaker oblique shock. Along 
the fluid wall of the dead-water cavity, a supersonic internal expansion takes place at the same ptessure as the cavity pressure. 
This expansion is limited towards the cowl by a sonic line, and is closed downstream by a limited normal shock. The bleed flow is 
injected into the cavity by a smalt jet originated between the terminal shock and the leading edge of the aiffusor flap. 

Due to a compensation effect between the two shocks, the pressure recovery is almost constant in the whole compressor ent ty 

flow, and is net very .sensitive to the cavity pressure. 

The internal sidewall boundary layer is drained along the wall towards the bleed gap, due to the transverse pressure gradient. 

This three-dimensional effect does not simplify the boundary layer computation, but reduces the lateral boundary layer sensitivity to 
the subsonic diffusor pressure gradient. 

This advantage can contribute to the choice of a large gap cavity, in parallel with the possibility of a quicker turning of the 

internal flow and a reduced cowl drag. 

Experimental pressure recovery at Mach 2.0 is drawn on the figure, with the corresponding bleed mass flow and bleed pressure 
recovery, for a given exhaust section of the bleed flow. By enlarging this section, more bleed flow can be by-passed by the bleed gap. 

The cavity pressure is used to control the intake : when the pressure rises, the entry shock becomes detached, and buzz appears. 

To avoid that, the rotating part of the supersonic compression ramp is lowered, then a by-pass door is open, in order to spill some 
mass flow out of the intake and to keep the pressure cavity at the required level. 

M mm 
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Some features of the F-14 intake are presented figure 16, taken from ref. (621. Tie inlet geometry and the bleed exhaust son 
throat adjustements are computed from the flight Mach number, the aircraft incidence and the engine corrected R.P.M., which is 
another control possibility. 

---r^ 
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FIG. lo • F-U INTAKE  [621 
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.90        .92       .94       .96        .9«       LOO 

DIFFUSER MASS FLOW RATIO T>5] 

4.1.3. Mixed compression intake 

Mixed (external/incernal) supersonic compression intakes are penalized by the complexity of the starting process. The variable 
geometry devices that a,e used for it are the same as for the adaptation of the imake v various engine rating and flight Mach number, 
but complex monitoring laws and sensors have then to be adjusted. 

Figure 17, reproduced from ref. (631, gives comparative results of asymmetric inlets at about Mad, 2.6, designed respectively 
with eternal supersonic compression (100 - 0), 60% of external supersonic compression wd 40% of internal supersede compression 
;60 - 40), "40 % and 60"." (40 - 60), and "20% and 30%" (20 - bO). 

Variable geometry devices for intake adjustement at lower Mach number are indicated for each type of intake. 

Total pressur e recovery comparisons give an advantage to th» third solution, but structutal point of view may incite to choose 
another one. 

Starting the inlet is obtained by the same manoeuver as for M.N. adjustement but, for configurations (2) and (3), it is necessary 
at the strut -ime to spill some flow by a discnarge door or by an internal by-pass. 

A collapsing ramp was the solution adopted for the two-dimensional intake of the B-70 aircraft. Sliding ceaterbodv is the solution of 
the YF-12-A.    The solution defined for the Boeing SST is drawn figure 13. Its control -yst em is described ref. [641. 

On less tsentropic inlets, the starting problem may be avoided thanks to an internal supersonic compression surface formed by a 
fluid-wall bleed system like that represented figure 18. 

When the inlet is started, there exists a margin for varying the mass flow without choking the How, while keeping a high pressure 
recovery. Upstarting and starting the intake without any action on the geometry nor on the bleed exhaust section are observed at 
reduced values of the mass flow, with only a small hysteresis  margin between the two phenomena. 

Prediction of the starting limit is still hazardous. Starting U fa-'itated by the shock/boundary-layer interaction [651, and thi.; 
effect may be very s'rong, as s.icwn figure 19. A . .relation of the test results, based on a boundary layer separation criterium, is 
discussed ref. [661. 

Numerous test repot.s have been published on this type ni inlet, for instance i . [671 (two-dimensional), oi '53U631, [681, [691 
(axisymmetric). 

MM 
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Typical pressure recoveries sre compared figure 20 Co the L'SA military 

specification for supersonic ur-raft [10). Improved inlets with mixed com- 

pression, internal bleed and geometry control system achieve a higher pres- 

sure recovei,. External supersonic compression inlet with fixed geometry, 

no bleed, low drag cowl, are below the specifications. 

'•%. V 
cowcoaoc orcaiui 
suatnaowie COMPBIWXO« 

4.1.4. Manoeuverability margin 

Pressure recovery, drag, weight and also incidence and yaw capabilities 

have to be considered while evaluating an intake. 

The two last points are connected with the intake control response timr. 

For instance, if an intake is sensitive to yaw, it is possible to tut the inlet 

in supercritical regime ("ivormal" shock more downstream than at the limit 

of detachment f rom the entry or unstarting). when the aircraft is going in 

sideslip,by acting on a ramp position or a by-pass door, and to .void this 

way the detachment of the shock and the buzz, or t he unstart, that the yaw 

would produce. 

Then a partial margin exists without any special device, as on figure 16 

for the incidence, or ref. [1«1 (Concorde yaw capability analysis) and ref. [64] 

[Boeing SST intake control), the control system has enough time to adjust the 

itmüc. 

0,1 

mxto   »upcasoMic  COMPM»»IO« 
WITH   iMTtawm.   &HSP   i»T) 

KTiaNkL tust 
COMPflt»! 
LOW   OU(   COWL 

fcüVVK^OMIC 
CO«I»>U»TIOI« «twin 

Mi 

Fl\i. X - PRESSURE RECOVERY 

If it is not the case, a pressure recovery loss has to be accepted in cruise flight to keep a sufficient manoeuverability margin. 

Improvement in yaw ..c-Nlity may sometimes be obtained by very limited geometry Modifications. Figure 21 shows the effect of 

a small swept cut of t.ie sidewall !?-sding edge of a two-dimensional intake at Mach 2 without cut, the sidewall is like a delta wing, 

and in yaw, an upper surface leading edge vortex appears that enters the intake, spoil* the prr .sure recovery and may initiate buzz. 

Cutting the leading edge gives i deviation of the approaching flow in the opposite to tne /aw and suppresses the vort-:x, which pro- 

vides a large performance improvement. 'The characteristic curves of figure 21 represent what happens at constant ^mVT, p 

   ji 
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(reduced nass flow at given r-duced engine R.P.M.X 

Without cjt, no nails operating point exists u ft = 4" 
if the cavity preasure n is maintained constant ; a 

control la« reducing p. *ich ft would permit to operate 
at the point (a'), with a poor pressure recovery and 
a high leve» of distorsion. With the cut-back cowl, the 
normal control law adjusts the intake at the new point 
fa'), lowering automatically the ramp to keep constant 

the Meed canty pressure p. . At this point the distor- 
sion level is still very acceptable. 

4.1.5. Intake/ airframe interference and 

integration 

The choice of an intake/airframe configuration 
implies aerodynamic*' sad structural studies and global 

evaluation of the aircraft. 

Supersonic three-dimensional linearized flow theo- 
ries, and boundary-layer t heories, help to evaluate t he 

external forces applied to a given integrated configura- 
tion [70). 

interference effect on the intake performance results 
mainly from the flow field ahead of the entry, and from 
the incident boundary layer. 

A large experimental program, designed by 'Project 
Tsilor Mate*, has been devoted to this subject by the 
L.3.A.F., for a fighter aircraft up to about Mach 2.5. 

Results giving the influence of the for:body shape, 
the wing/intake interference, the effect of the type of 

the intake and its position are collected ref. (711. 

Comparisons of lateral intakes dispositions are also given ref. (721. 

The effect of the body boundary layer on a lateral two-dimensional or half conical spike intake has been the obi«: of many expe- 
rimental studies [see ref. (31). Hslf-conicsl shock boundary layer interaction has beHi analysed, for instance ret. (73!. 

Fuselage flow field analysis can be found ref. (741 

Comparisons between two-dimensional andsxisymawtric engine nacelle installation for an SST are presented ref. (751. 

4.1.6. Variable teomet ry intake adjustment at reduced Mach number 

A large amount of flow has to be spilled at Mach number lower than the err sc one : about 2*% (or 70*;) of the upstream flow corres- 
ponding to the frontal intake area, in transonic, for intake designed for a cruise Mach number of 2 for }). At the same time, the intake 
throat has tc be enlarged- 

Spillage can be obtained by deviating the flow ahead of the em ty. In this esse, additive drag may be important, and, to reduce it 

by smoothing the flow deviation, it is possible to position a long small slope ramp ahead of the entry, or ro let a small angle spike 
emerge. Tor instance, a double cone intake with amuiti flap second cone will be translated forward, with the second cone being collap- 
sed to the same angle as the first one. 

The other solution consists in by-passing the mass flow by an internal duct to feed throozzl' wuh the eicess air. In that case, 
additive drag will be replaced by a by-p*ss installation drag, but adaptation of the nozzle may be easier. 

Additive and cowl drag are easy to compute by the method of characteristics if the flow is entirely supersonic. At transonic speed, 

or if the spill results from a detached shock, experimental measurements are necessary. Some results can be found in many particular 
test reports, for instance ref. C*6] to [781 

4.1.7.-Auxiliary intake for take-off and lorn speed 

Pressure recovery reduction due to the thin lip flow turning around, at take off or low subsonic sp^ed, can be predicted by a simple 
application of the momentum theorem [II, [791. Auxiliary intakes are designed to reduce the mam intake mass flow, and the resulting 
flow turning. 

Inviscid subsonic flow computation method can be used to choose the dimension and the shape of auxiliary doors. An example of the 
streamline obtained by such s computation is reproduced figure 22. 
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1c may be interesting to emphasize the device used to represent a boundary layer separation bubble of known pressure and extent, 

by successive adiustnent of the stream potential value of partial elements of the cowl profile in the separated region, till a given value 
of the normal derivative of the stream function is obtained, that corresponds to the known pressure. 

1.Isolated intake test. 
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2. Integrated intake test. 
Incidence and ro« adjustment 

Engine flow adjustment 
(MK throat) Engine flow 

measure» :«ent 

3. Complete model test. 

4.1.8. Wind tunnel intake tests ffig. 23) 

A large scale isolated intake test in uniform flow is usually the only way to achieve a representative Reynolds number, which is 
necessary to obtain a precise evaluation of the intake pressure recovery. The results are used to correct the tests on an integrated 
intake model at a smaller scale This latter scale is limited by the Mach Rhomb giving a correct entry flow field. 

Test arrangements are shown on figure 23. 

Intake/engine compatibility can be also studied in a large wind tunnel on isolated intake or partially integrated intake with the 
real engine internal installation. 

4.2. Complete nacelle/aircraft model test (fig. ?3) 

As the aim of 'he complete nacelle'aircraft model test is to obtain the net forces applied to the aircraft, the nacelle is reproduced 

on the model as closely to the real one as possible. 

Internal forces applied to t!ie model have to be deduced from the measured forces, and replaced by the propulsive forces. 

The internal forces evaluation is based on a very accurate measurement of the model eihaust flow. The best way of achieving that 

is to choke the internal flow by a calibrated sonic throat at the «it. Calibration is obtained by a preliminary test with a mass flowmeter 

(plenum chamber and second sonic throat) filed behind the nacelle exhaust sonic throat, as represented figure 23, 'or the integrated 

intake test. A fine survey of the stagnation pressure at the sonic nacelle exhavst is then to be achieved in order to obtain a momentum 

coefficient that is applied to the calibrated exhausting mass flow. 

The results have to be corrected for the Reynolds number effect, the sting support effect, and'he afterbody real flu». Reynolds 

number corrections involve boundary layer calculations, and comparative tests on partial elements (intake, boundary-layer diverter...) 
tx various Reynolds numbers. The two other corrections are connected with the afterbody tests raised up later. 

Sortierest techniques are discussed ref. (41) and [431. 

kmaaaa   
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4.3. Supersonic aircraft nozzle and afterbody 

4.3.1. 'Laval nozzle' and 'Plug nozzle' 

Afterbody design has to optimise the aircraft fro« a 

|iven external section of the engine installation (maxi- 
mum diameter, for instance) and from the exit of the 

eagine to which a given sonic throat has to be installed; 
secondary air passages complete the given elements. 

Two types of nozzles can be considered : the con- 
verging-diverging "Laval* nozzle, and the "plug'nozzle 

(fig. 24). 

Method of characteristics i.id boundary layer theo- 
ries enable one to calculate the external and the inter- 
nal supersonic flow, and to design a configuration of 
minimum drag for a given length. When a secondary 
flow is present, one-dimensional assumption for the 
corresponding stream tube gives the possibility of cou- 
pling the computation of the main flow with the secon- 
dary flow. 'A correction is applied to take into account 
the mixing effect at the boundary of the two flows. If 
the secondary flow is null or very small, a calculation 
is also possible by the theory of boundary layer »atta- 

chment of the main flow to the nozzle wall. The two 

solutionscan be linked by continuity (11, [7|, [80] to 
[841. 

The example given figure 24 is taken from tef.[83l. 

Throat sonic line shape and initial conditions of 
the characteristic computation are examined in detail 
in ref. (851. 

LAVAL N0Z2LE PLU«   NOZZLE 

WHV *Mkk   4KMOM« PU« SMALL aacoNMav riM 

FIG. U ■ AFTERBODY COMPUTATION METHOD [83] 

A secondary passage can also be designed to let a by-pass or an auxiliary flow be admitted into the nozzle at reduced Mach 
number, or to let a reverse flow be ejected by cascades installed in the surrounding structure. 

Combination of intake performance as a function of the bleed flow, and afterbody performance as a function of the secondary flow, 
in terms of aircraft performance, is necessary to optimize the configuration (see, for instance, ref. [86]). 

In supersonic cruise, the two types of nozzles seem equivalent from on aerodynamic point of view, but the necessity of cooling 
the plug nozzle is a disavantageous for this solution [841. 

In fact, the afterbody performance at Mach number lower than supersonic cruise, and mainly in high subsonic flighc, are the most 
critical problem for the aircraft performance, and the afterbody design. 

4.3-2. Variable geometry concept for subsonic adaptation 

Adaptation problem is characterized by the pressure ratio of the 
jet stagnat* n pressure to the ambient > -\ttc pressure, that corres- 
ponds to a '.igh rate of supersonic je* nozzle expansion in superso- 
nic cruisr   and to a low rate of expansion at reduced Mach number, 

in subsom    flight. This is shown figure 25 from ref. (S7|. 

Ideal sol lions for "Plug" and "Laval" nozzle are compared to 
actual solution > of afterbody, on figure 26. 

The performance of these two types of afterbody at high sub- 

sonic speed are very similar, and relatively good [941. The trans- 
lation of the cowl of the plug nozzle,as the only mean   of adjusting 
the external profile,limits the performance of the plug nozzle , the 
long internal nozzle of the 'fully variable afterbody", and the quick 
slope increase at the hinge of the external piofile are responsible 

for a loss of thrust, tor thi., configuration. FIO. 25 • REQUIRED VARIATION OF NOZZLE GEOMETRV[87] 
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Mare simple is the simple ejector nozzle (fig. 27), but 

the constant-pressure supersonic expansion of the jet in 

the supersonic cruise configuration implicates ■ shock 

«t the »attachment of the jet on the flap, that causes 

a loss of thrust. This solution is used on strike fighters 

for which simplicity and subsonic performance are rela- 

tively more paying than supersonic cruise performance. 

Convergent-divergent iris ("con-di-iris") may be ano- 

ther compromise between supersonic penalised by a very 

short supersonic nozzle, and subsonic performances. In a 

proposed version, the nozzle ttucat is formed by the iris 

throat, (n this case, however, the fact that the throat sec- 

tion is not independent from the nozzle divergence pena- 

lises some flight stages (for instance, subsonic with 

reheat on). 

The "blow-in-door" ejector is simpler than the fully 

variable ejector, but the gap provided between the throat 

and the divergent nozzle to let pass the auxiliary flow 

has t o be pretty large, and causes a slight redixtion of 

the cruise thrust. The auxiliary flow blowing into this 

gap at high subsonic spc-d entails also some losses, 

but the performances are still acceptable. 

The "rear buckets" version of the blow-in-door 

nozzle is lighter than the preceding one, but when the 

buckets are in subsonic position, 'he internal confi- 

guration is no more axisymmetric, and tome losses have 

to be accepted. 

The "fixed ring" nozzle, where a we'l shaped auxi- 

liary duct is formed, may be also attractive. 
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FIG. V ■ AFTERBODY ADAPTATION CONCEPT 



8-19 

13.3. Afterbody tests 

The tin of the afterbody tests is to coirect (he measurements made on complete nacelle/aircraft model tests mentionned section 

4.2. 

It consists in reproducing on a upstream mounting the rear part of the engine installation, and to compare the forces by reproducing 
successively the exhaust flow of the complete nacelle/aircraft model test and the real jet and exhaust flow. 

This is usually done by feeding the nozzle with compressed air through a balance, as for subsonic afterbody studies. 

COMSXtTt   HOOCL   TltT 

One of the problems is to reproduce exactly, on "he 
afterbody model, t he correct external flow field ; a 
symmetry panel, for instance (fig. 28), is necessary to 

simulate a two-engine nacelle on a isolated afterbody 
wind tunnel rig, though the boundary layer of the panel 
may disturbe the rear flow. 

Tests of a calibrated nozzle m*y be useful to assess 
the measurement accuracy. Calibration of mass flow 
measurement by a sonic throat, and of thrust measurement 

by a calculated nozzle, is discussed in detail in ref. [881. 

Most often, only the axial component of the thrust 
is measured, due to the flow-through balance complexity. 
Separated measurements of chc drag of the ext emal wall 
of the afterbody and of the thrust of the nozzle may be 
provided to give more detailed results. The book-keeping 

procedure of ehe corresponding tests is presented on figure 29, from [891. The complete nacelle/aircraft model afcerbody reproduced 
on the mounting gives the reference afterbody drag, D • the actual afterbody test gives the installed afterbody drag, D ; 

ABB KE I" AB IrloX 

the corrective [erm AD      is the difference D._,__- D._ _„. 
AM AB INST AB sVF 

tyHHiTav mull. 

FIG. 28- KOLAicD AFTERBODY TEST   [at! 

The nozzle thrust measurement gives the excernal forces on the nozzle, 

to a reference thrust, F     . 

DM , plus the installed rhrust. F       ; that can be compared 

REFERENCE IN5TALLE0 

Attempts are done to achieve a six components 
balance on half model (fig. 29), which is necessary 
to reach a complete evaluation of the afterbody per- 
formance. 

Corrections have to be applied to the afterbody 
test results, mainly due to hot gas effect and inci- 
pient-boundary layer differences between the com- 
plet e nacelle/ aircraft test, the afterbody test, and 
the flight conditions. Hot gas correction can be 

obtained by computation (for instance, ref. (831). 
Upstream boundary layer control could be installed 
on the mounting, as for subsonic aircraft afterbody 
studies, to evaluate the effect of boundary layer 
discrepancies. 

FIC. 29 . AFTERBODY EXPERIMENTAL STUDY 
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EXTFRNAL STORE AERODYNAMICS FOR AIRCRAFT PERFORMANCE PREDICTION 

BY 
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SUMMARY 

Some effects of external store» on the aerodynamic characteristics of 
aircraft and in particular the incremental drag due to various types of 
store installation are described. Examples of drag incr«ients for single 
and multiple store assemblies installed underwing and underfuselage and the 
effects of C and Mach number up to high subsonic speeds, illustrate some of 
the interference features in the aircraft-store flow field which contribute 
to high or low drag. The prospects for incremental drag prediction, the 
possible use of calculated or measured flow field data, empirical methods »id 
flight-tunnel comparisons are discussed. Approximate empirical estimation 
procedures for simple underwing and underfuselage store installations are 
described.  It is suggested that for multiple store assemblies, opfortunities 
for drag reduction offer considerably more promise than attempts u predict 
the drag increment. Significant drag savings are demonstrated not only for 
new types of installation but also by relatively simple aodificat ons to 
existing designs. 

NOTATION 

Axial force coefficient 

W'jm<, 

Unsteady wing root bending moment coefficient 

Drag coefficient 

Lift coefficient 

Pitching moment coefficient 

Yawing moment coefficient 

Pressure coefficient 

Mach number 

Area 

Diameter 

Dynamic pressure 

3C /38 
n 

Incidence angle 

Sideslip angle 

All other symbols and suffices used in this paper are defined in the text. 



1. INTRODUCTION 

The tide 'external store aerodynamics for aircraft performance prediction' may seem distasteful to 
th« aerodynamicist, since external stores almost always degrade some "aspects of the 'aerodynamic' 
performance of the aircraft carrying them. It is necessary however to distinguish between performance 
involving aerodynamic considerations - range, rate of climb, stability, manoeuvrability, etc. - and the 
overall performance of the aircraft-stores combination as an efficient weapons delivery system. Desirable 
aerodynamic features may sometimes have to be compromised to achieve the optimum overall solution. 
However, having acknowledged this distinction, this paper will be concerned with the effects of external 
stores on the 'aerodynamic' characteristics of aircraft and in particular the incremental drag due to 
external stores. The large drag contribution of external stores is a significant and often limiting 
factor in the performance of strike and combat aircraft. The importance of both the reliable prediction 
and the reduction of the incremental drag is now widely recognised1 and considerable research effort has 
recently been expended oo this topic in the U.K. 

To provide a background for the main part of the paper, some examples of more general characteristics 
of aircraft carrying external stores are briefly described in section 2. Section 3 presents examples of 
incremental drag due to various types of store assemblies installed underwing or underfuselage and 
attempts to identify some of the interference features involved and also particular sources of high or low 
drag, In section 4 the prospects for predicting the store drag increment and the value of flow field data 
and flight-tunnel comparisons are discussed and tentative empirical methods for simple underfuselage at.d 
underwing installations are proposed. Finally some examples of and possibilities for the reduction of 
the drag of stores, assemblies and installations are described in section 5. Except for some flight 
results quoted in section 4, all the experimental data used to illustrate the discussion have been 
obtained from wind tunnel models, most of which were tested in the A.R.A. 9ft x 8ft transonic wind tunnel. 

2. GENERAL EFFECTS CF EXTERNAL STORES 

Figure 1 shows the effects of a multiple underwing store installation - 3 stores or. the inboard 
pylon and a single store outboard under each wing - on the total lift, pitching moment and unsteady root 
bending moment at M - 0.8. Also shown is the effect of a large underfuselage store on directional 
stability. The lift cur-" slope 3CL/3a is considerably reduced even at low incidence, in the 'stores on' 
case and the C]_ 'break', although at roughly the same incidence as for the clean wing, occurs at a much 
lower Cj_. The C - C^ curve also breaks at a correspondingly lower C^, with a significant reduction in 
static stability before the break, compared with the clean wing. The unsteady wing root bending moment 
coefficient is a useful indication of the onset and severity of wing buffet associated with unsteady 
pressures in regions of boundary layer separation. Co, 'stores on' increases more rapidly with CL and 
the peak value of C» occurs at a lower CL and is considerably greater than that for the clean wing, 
indicating a significant reduction in buffet penetration ability. CB 'stores on' is also higher th»n for 
the clean wing at low Cj_ with a tendency for Cg to increase with reductions in Cj_ to C^ - 0. T'.iis may be 
due to boundary layer separations caused by the stores on the wing lower surface at negative and low 
positive CL- The lower graph on figure 1 shows that the clean aircraft value for ny is reduced by about 
half at lov a and to zero at high a, when the underfuselage store is installed. These results indicate 
that external stores can impose very severe penalties on the manoeuvre capability and handling qualities 
of an aircraft, quite apart from any structural limitations involved in store carriage. Tiies^ are 
admittedly extreme examples, but they represent practical configurations at a Mach number well within the 
normal envelope of the aircraft considered. 

3. INCREME8TAL DRAG CHARACTERISTICS OF EXTERNAL STORES 

In this section some typical incremental drag characteristics of various types of external store 
installations in common use on current aircraft will be described. The examples discussed are mainly 
restricted to results obtained at M < 1.0 and at low to moderate Cy -  i.e. conditions for relatively well 
behaved flow with no large scale flow separations on the parent aircraft wing. The framework used ir. the 
analysis of the experimental data is based on the comparison of the installed drag increments with the 
freestrean drag of the components of the store assembly. 

It will be helpful to start by defining some particular terms and symbols to be used in the following 
discussion :- 

AC„ 

"COUP 

COMP 

(C ) aircraft ♦ store(s) - (C ) aircraft 

measured either at constant CL or at constant incidence 

the sum of the estimated lov speed freestream drags of 
the components of the store assembly, including drag 
due to bluff forebodies, bases and excrescences, but 
no sllovance for mutual interference between components. 
(See Appendix A). 

(■> In'     store assembly in isolation 

iN 
ac„ 

COMP 

T0 
COMP 

M at which 9C ,'3M 0.01 

The use of estimated drag values in the denominators of the interference factors, KA and Kg perhaps 
requires some explanation. Obviously when assessing or predicting the incremental drag due to a particular 
store installation, any reliable measured freestream drag data for individual components should be used. 
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However «hen comparing, as in this paper, Che relative merits or penalties of several different 
installations, possibly on different aircraft, it is unlikely that measured drag data for comparable 
components or assemblies would be available for all the configurations. In order to compare the various 
installations and to analyse the contributions or the many components in a consistent manner, it is 
necessary to start with information which is readily available and commonly applicable - 'a lowest common 
denominator'. At present this is probably best provided by a simple low speed freestream drag estimate. 
The method used at A.R.A. to estimate yfD. ) is outlined in an appendix to this paper. 

A simpler form of interference factor is sometimes used in which the freestream drag of either a 
single store or all the stores carried forms the denominator, implying that the drag of the carriage 
equipment is part of the interference penalty. This may be justified for operational comparisons on 
particular aircraft e.g. of alternative store carriers, but it tends to evade the responsibility of the 
aerodynamicist in examining in detail the reasons why a particular installation has high or low drag. The 

task of estimating iM 
COM? 

often provides a valuable insight into some of the sources of high drag, 

before any assembly or installation factors are applied, 
and carriers must be known for the houeward flight. 

Also the increment«! drag of the empty pylons 

3.1. Pnderwing installations . 

3.1.1. Simple single stores .» 

In the simple case of an aerodynamically clean pylon mountSfl single store at low 
speed and low C , with thin attached boundary layers and no shock waves, interference1 effects in the flow 
about the wing, pylon and store would arise due to2 :- 

(i)  interaction of the wing, pylon and store pressure fields - buoyancy effects, 

(ii)  changes in skin friction drag due to local changes in dynamic pressure, 

(iii)  induced drag on the store or pylon and changes in induced drag on the wing 
due to changes in local flow direction. 

In most cases (ii) and (iii) (for stores without significant lifting surfaces) are 
probably small, leaving (i) as the major contribution to ehe interference. Figure 2 shows a streamlined 
store located in the low speed, zero incidence pressure field beneath a symmetrical section swept wing. 
The pressure field measurements sre taken from ref.3, and are not modified for the presence of the store 
and pylon. These measured pressures have been used co calculate the buoyancy forces on a streamlined 
store similar to the one shown and on a flat based store with cruciform wings, each mounted at various 
chordwise locations below the wing. The axial buoyancy forces have been added co the estimated freestream 
drag of the scores to obtain estimates of Che total axial force on the installed stores'*. Comparison with 
the measured axial forces on the two scores beneath a similar wing Co Chac for which the pressure field data 
were obtained (figure 2) shows very close agreement both in the absolute values of C^ and the variation of 
C, with store ci.Tdwise position. To obcain AC- (or AD. ) Che inCerference drag on Che wing would also 
have to be calculated. In potential flow these buoyancy forces between the wing and the store would 
cancel. In real flow, complete cancellation of the interference might i.ot be expected. However, the 
quite close agreement shown on figure 2 between Che overall drag increment due Co the stores, AD. and 

HD. 1    and the relative insensitivicy of AD. Co Che score chordwise posicion do indicace effeccive 

I  'COMP 
cancellation of Che incerference for these examples. In fact the analysis of a large amount of data, 
including some for bluff and 'dirty' stores, indicates that for single stores pylon mounted close to the 
wing lower surface the installation factor, Kg, generally has a minimum value near 1.0 at low H and C^. 

These encouraging results unfortunately no longer apply when significant viscous and 
compressibility effects appear. Figure 3 compares Che variacion of Kg with C^ for fairly slender stores 
mounted be  -h four different wings. The results are shown for both a moderate subsonic Mach number, at 
which no sig  ''cant increase in ACn with M has occurred, and at approximately Mp for Che respective clean 
wings. Except  r Che minimum values of Kg ac the lower M, excess interference drag appears even over 
this low to mo  ate C range, with values of Kg as high as 1.8 at moderate M and 2.5 at Mn (clean wing). 
In all cases exec,  vihg D (with an almost symmetrical thin section unlike the other wings) at moderate M, 
for which Kg increases with CL from CL • 0, Kg has a minimum value or level (Ks>  , at some positive CL. 
There is a considerable variation between wings in Che value of CL ac which CKS)' '  occurs and in Che 
rate of change of Kg wich C^. This suggests Chac Che "excess" inCerference ac values of CL ocher Chan 
chac for (Kg)„.„ is mainly dependent on Che aerodynamics of Che parenc wing and pylon, since Che drag 

force on these streamlined stores would be comparatively insensitive to incidence. 

The variation of AC with M for two different stores on the same wing - fuel tank and 

missile - is shown on figure 4. Considering the CL » 0 curves first; at X - 0.5, ACD for the missile is 
nearly 3.5 x ACn for the tank. At M * 0.8, MQ approximately, for the clean wing, ACn has increased more 
rapidly for the misfit« than for the tank. By M • 0.9, however, the increase in ACn is slightly greater 
for the tank Chan for the missile. The high proportion of excrescence and base drag on Che missile 
installation   52' of "C     J and associated flow separations are probably responsible for Che early 

C0MP 
drag rise for this store. The more rapid increase in ACn for the tank between M • 0.8 and 0.9 is probably 
a genuine interference wave drag increase due to Che chordwise variation in cr <ss section area of the 
tank beneach Che wing compared wich Che essentially constanc cross seccion of Che missile body. The 

comparison for Che Cwo scores is generally similar Co that at C 

between C, ■ 0 and C- 

The redrction in AC, 
D" 

MIN 
is of the same order for both stores rather than in proportion to AC. 
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for iCn   |, which again suggests that the extra C dependent interference drag originates on the wing, 
1    BMIN > L 

or possibly the pylon. At M - 0.5 and O.t, (Ke)MTN for both stores is close to 1.0, illustrating that at 

low M local flow separations due to the bluff base and excrescences on the missile do not significantly 
affect the "buoyancy" nature of the wing-pylan-store interference. However, at M ■ Ü.9, the larger 
increase in AC due to the clea.i fuel tank, compared with the "dirty" missile is even more striking in 

terms of (K.)„_„ - 6.3 for the tank, 2.3 for the missile, 
ö MIN 

Figure 4 also compares the variation of AC-   with M for similar streamlined stores 
MIN 

mooted beneath wings of low and high sweep  The increase in AC    is delayed to a higher Mach number 
DMIN 

for the store installed on the more highly swept wing, but in both cases the increase in drag starts at 
Mach numbers well below M. for either the clean wing or the isolated store. 

Summarising the main interference effects contributing to AC for single underwing 
store installations :- 

(i)  At low M, for a small range of C about a l"»v to moderate value, the combined pressure 

field about the wing-store-pylon is essentially of the potential flow type, with negligible 
resultant interference drag, 

(ii)  The variation of AC with C, is strongly dependent on the aerodynamic characteristics of the 
parent wing. 

(iii)  The increase in ACn with M results from th<! appearance of wave drag, both locally on the 
store (a function of store shape) and in the combined wing-pylon-store pressure field. 

3.1.2. Multiple Installations 

The term multiple installation used here for underwing stores refers to two or more 
stores carried on one pylon. On figure 5 the variation of flCD with M and CL for an installation with 3 
bombs on a triple carrier is compared with that for a single pylon mounted bomb of the same type carried 
on the same aircraft mode*5. Even at low M, ACn .'or the triple installation is much more than 3 x ACa 
for the single pylon mounted bomb. The extra drag of the triple carrier itself is unlikely to account 
for this. The slope of ACn - M for the 3 bomb case suggests that compressibility effects are present even 
at the lowest Mach number shown, M » 0.5. It should be noted that for M >.  0.7 at C^ " 0, ACn for the 
triple case is greater than the clean aircraft drag. As for single underwing stores this multiple 
installation, in common with others, shows the characteristic reduction in ACQ with increasing Ci, 
particularly at the higher Mach numbers.  (Kg)   at M « 0.5 is about 1.6, but this is probably not a 

true low speed value, as noted above. Above about M ■ 0.85 COMIN " *n *act *ess ^or ' bombs 'ban for 
Che single bomb case. It is worth noting that this apparently extreme example is a practical installation 
carried by a number of current strike aircraft. 

It is readily suspected that a significant part of the extra interference drag for 
such multiple installations occurs in the flow within and around the store assembly itself. Figure 6 
presents some results for similar store assemblies to those discussed above tested in simulated isolated 
conditions6. The pylon and store assembly were mounted beneath a long parallel tube. The slender nose 
and the base of the tube were sufficiently far upstream and downstream respectively of the stores to 
achieve effectively freestre.im conditions around the stores, carrier and most of the pylon. The drag of 
the carrier and stores only was measured, the pylon being "earthed" to the support tube. Hence the 
measured drag does include pylon interference.  In the absence of the parent aircraft model, it was 
possible to use larger (1/4) scale stores than would normally be used for installed tests. Besides 
increased local Reynolds numbers, improved representation of the many excrescences present in multiple 
installations (such as crutch arms) is achieved at larger s".ale. Figure 6 compares the extra measured 
drag due to adding one bomb to an empty carrier and to the carrier with one or two bombs already in 
position with the drag of a single pylon mounted bomb. The excessive drag penalties involved in this type 
of assembly are striking. To take the most extreme eise, adding the third bomb to the assembly causes a 
drag increase approximately 4 times the drag of the single pylon mounted bomb, throughout the Mach number 
range shown. As noted previously for the installed case, the slope ACn - M, when adding the second and 
third bombs, indicates a significant compressibility contribution to ACn even at M - 0.5. These tests 
also showed that the drag of the isolated assemblies were relatively insensitive to incidence and sideslip 
up to about «4°. For the fully loaded triple carrier KA is about 1.5 at M » 0.5 (cf. (K.)   - 1.6 for 
the installed case). 5 MI 

A photograph of oi~. flow on the bombs at M • 0.75 (figure 7) illustrates the complex 
flows which contribute to the high drag of the triple assembly. The bottom bomb has been removed from the 
carrier aftei the test in order to photograph the oil flow (or absence of i\ A-)  in the channel formed by 
the carrier and Che bombs. Particular features of the oil flow are :- 

(i)    Marked outflow, away from the central channel, on the carrier and bomb noses. 

(ii)    Evidence of a shock induced separation on the shoulder of each bomb in the region 
on the circumference nearest to the adjacent bomb. 

(iii)    Extensive regions of separated flow on the inner surfaces ot the afterbodies of 
the bombs and carrier and the bomb fins. 

Considering now the i.dditional interference effects when the store asrembly is 
installed beneath the aircraft wing, figure 8 comparer the "isolated" drag of the fully loaded triple 
carrier with the corresponding installed drag increments. For this purpose the "isolated'' assembly drag 
has been reduced using the appropriate parent aircra't reference dimensions. The installed AC. values 
have been obtained by taking half the total ACD for two assemblies - one beneath each wing - and 

.s^m^^ne 
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subtracting an estimated ACn foe the pylon. At M - 0.5, the isolated ACp is in good agreement with the 
installed value at CL - 0.4, indicating Kg ■ KA at this condition. At lover CL values, at M • 0.5, the 
installed ACp is progressively higher than the isolated value. This extra wing-store assembly interference 
amounts to about a 50Z increase in AC^ above the isolated value at Cj, • 0. Above about M ■ 0.75 there is 
apparently additional wing-store interference at all values of C , with the installed ACn (at H - 0.4, 
CL • 0.4) approaching twice the isolated value. The example discussed here illustrates both the complex 
nature of the interference flows typical of underving multiple installations and the cost in terms of drag 
and hence the performance of loaded strike aircraft. 

3.2. Underfuselage Installations 

It would be expected that the flow environment for stores beneath relatively flat under- 
fuselage surfaces, typical of aircraft designed for underfuselage store carriage, is less complex than 
that for underving stores, with consequently smaller residual interference effects.  In contrast to 
underving stores, for which the resultant interference almost invariably increases ACg, some favourable 
viscous effects might reasonably be hoped for in certain cases, e.g. small diameter stores or store arrays 
partially immersed in the underfuselage boundary layer. 

Some low H, low Cj_ drag increments for various single and multiple underfuselage store 
installations are shown on figure 9, in the form: measured AD/  plotted against 'x>l "   .    The 

q q(COMP) 
majority of the points are scattered within »10Z of the line recreanting Ks - 1, indicating negligible 
resultant interference drag for these cases. They include not only single stores but streamlined stores 
carried singly or in tandem on well spaced separate side v, side pylons. The one point significantly 
above Kg • 1.0 is for two closely spaced *ide by side stores on a single pylon with a larger than usual 
separation between the stores and the fuselage. Several cases are significantly below the Kg » 1 boundary 
with values as low as 0.4. The mechanisns of these apparently favourable interference effects may be only 
speculatively discussed, but it is interesting to consider twe possible explanations. The points numbered 
3, 4 and 10 are all for combinations of blunt nosed and/or flat based stores in close coupled tandem 
arrangements (cf. Kg * 1.0 for streamlined stores in tandem). These low values of Kg possibly result 
from a reduction in base drag on the forward stores due to the proximity of the noses of the rear stores 
and/or reduced drag of the rear stores when ismersed in the wakes of the bluff forward stores - an example 
of favourable viscous interstort interference. Point 2 is for two long thin stores with bluff bates 
mour ed side by side very close o the fuselage. In this case the reduced drag may be due both to the 
parti,.' immersion of the stores n the underfuselage boundary layer and a reduction in store base drag due 
to the (..•ixittity of the fuselage - an example of favourable viscous store-fuselage interference. 

The effects of CL and M on ACp for some typical underfuselage installations are shown on 
figure 10 presented in the form Kg - CL, M. CL has an almost negligible influence on Kg for 4 stores 
(2 lateral rows of 2 stores in tandem). The total variation of Kg is only 0.9 to 1.3. Also shown are Kg 
values for a similar arrangement of 4 stores on a model with a very different wing planform. These points 
also fall within the Kg variation noted above. The Mach number effects on Kg for these underfuselage 
stores are quite small when compared with the variation of Kg with M for even simple underwing 
installations (Kg typically varying from 1 to 5 or moreover a similar Mach number range). The increase in 
Kg with M for these underfuselage installations probably reflects the freestream Cn - M characteristics of 
the store assemblies themselves rather than increased store-fuselage interference. This is indicated in 
the increased ralues of Kg at high M (Ks - 2 at M - 0 95) shown for 8 similar stores (2 lateral rrws of 
4 stores) wit' considerably reduced lateral spacing b :tween the stores. 

The examples in figure 10 are all for relatively small diameter stores.  In the case of a 
store or grou, of stores which considerably enlarge the effective local fuselage cross section area, more 
severe Mach nu&ber effects, with the early appearance of wave drag on the combined fuselage-store assembly, 
»ay be expected  This is seen on figure ll1*. For a single row of 5 closely spaced streamlined stores of 
relatively large dinmeter, K.- ■ 2.5 at the moderately low M - 0.7.  In this case compressibility effects 
probably incraas i both iitterstore and store-fuselage adverse interference. Figure 11 also shows the effect 
of adding furthe lateral rows of 5 stores in tandem close behind the first row. At M • 0.7, Kg is reduced 
from 2.5 for one row (5 stores) to 1.5 for two rows (10 stores) with a further reduction to Kg • 1.3 for 
either i  or 4 roi s (15 or 20 stores). This apparently favourable interference effect, relative to the high 
drag single row, may possibly arise because little additional wave drag on fr..   fuselage-store combination 

for is caused by adcing the rear stores.  (If the extra ACp due to the second rov was merely JACD 
C0MP 

5 stores, Kg fo: 2 rows would be about 1.75). Also the interstore interference within the aft rows may 
be reduced in the wake of the closely spaced forward stores. However, even for the 4 row (20 store) case. 
Kg ■ 1.3 at M ' 0.7, which is high compared with the examples of relatively small diameter stores 
described earlier (figure 10). 

The very low Kg values obtained at low M for some close coupled tandem arrangements of small 
diameter flat based stores have already been mentioned.  Figure 12 illustrates this favourable effect in 
more detail for a multiple arrangement with lateral rows of 5 closely spaced stores and includes the 
effects of Mach number.  The comparison with the numerically similar arrangement of larger diameter 
streamlined stores discussed above is striking.  Adding extra rows of stores at M » 0.6 gives a reduction 
in Kg from 1.05 for 1 row (5 stores) to 0.45 for 4 rows (20 stores). The fact that Kg is as low as 1.05 
for a single row with small lateral spacing is probably because the adverse interstore interference is, 
in this case, offset by the reduced drag of the stores when partially immersed in the fuselage boundary 
layer.  The 'arge reductions in Kg, as extra rows of stores are added, are a further example of favourable 
fore and aft interstore interference. At transonic Mach numbers this favourable effect in adding extra 
rows of stores is even more striking. Above M » 0.92 the total c.Cn for 4 rows is less than that for a 
single row. 

The foregoing examples show that, although the flow field beneath an aircraft fuselage is 
usually simpler than that beneath the wing, there are still considerable variations in interference drag. 
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in term» of Kg, between different underfuselage store installations. The contrast is that whereas for 
undenting stores Kg typically varies between 1 and 10 according to type of installation, CL and M, the 
possibilities of favourable interference ' r underfuselage stores lead to a range of Ks between 0.5 and 4. 

4. POSSIBILITIES FOR IHCREMENTAL DRAG PREDICTION 

The problem of predicting the drag increment for various types of external store installations at 
a range of conditions of CL and Mach number embraces many aspects of current research in aerodynamics. 
First a detailed description and understanding of the complex flows involved, both within the store 
assemblies and around the aircraft-store combination is required. Secondly, powerful calculation methods 
are required in order to quantify the resulting drag quickly and accurately. To achieve either of these 
objectives for the general case of external stores is not feasible within the present state of the art. 
It is debatable whethei they are proper objectives, since even given adequate theoretical methods, the 
lengthy computing times and expense likely to be involved for the many configurations considered in 
project studies would almost certainly be prohibitive. A more pro.:.table long term aim i$  the possibility, 
with recent advances in the calculation of aircraft and aircraft-store flow fields, of identifying both 
suitable store locations and the conditions likely to cause significant flow separations or local 
supersonic flow - i.e. a more integrated approach to the aerodynamic design of the complete aircraft-stores 
combination at the initial project stage. At present simple empirical prediction methods have an important 
role, but these are severely limited in range of application both to relatively simple store assemblies 
with well spaced »tores and to conditions not far removed from potential flow involving inly local 
separations and shock wave*. For an aircraft designed to carry a large range of stores ii various 
locationa and operating over • large CL, H envelope, wind tunnel tests remain ehe most reliable method of 
obtaining the incremental drag and over, then the results have to be extrapolated to full scale flight 
condition*. 

Having noted the difficulties and limitations encountered in the prediction of store drag increments. 
some procedures which may be helpful for initial project studies are now suggested. 

4.1. The Aircraft-Store Flow Field 

It was noted ia section 3 that for essentially potential flow situations the interference 
effects between the aircraft and the stores tend to cancel, giving installation factors, Kg, near unity. 
Local departures from potential flow such as flow separations on individual components - e.g bluff 
excrescences and bases - not situated in high velocity regions and not interacting with other store 
components or the parent aircraft, can be tolerated and, when included in Jc    also yield K « 1.0. 

" DC0MP "J 

Recently methods capable of calculating the combined aircraft-store flow field have been 
developed. Reference 7 describes a r ,-hnique in which the flow fields for individual components arc 
superposed. This does not, however, »atisfy the boundary conditions on all the individual components 
simultaneously and care is required in the way in which the superposition is performed. This has been 
confirmed by experience at A.R.A., where recent attempts to superpose tht far field preasures due to a 
simple axisymmetric body un the measured cbordwis* pressure distribution» on the clean parent wins failed 
to predict the peak suctions measured experimentally on the wing lower surface with the store installed. 
These calculations, however, did not include the effect of the pylon. A method for calculating the 
complete resultant flow field for a wing-pylon-store combination has been proposed by Loeve and Sloof. 
An example, taken from reference 8 which compares measured and calculated pressure distributions both on 
the wing, with and without the store-pylon and on the installed store is shown on figure 13. The 
configuration also included a wing tip store. The agreement between calculation and experiment is most 
encouraging, particularly for the axial pressure distribution on the store itself and in the effect of 
the store on the wing spanwise lift distribution  Th« measured increases in suction on the wing lower 
surface just inboard and outboard of the store locaciw are apparently slightly underestimated. 

The use of calculated aircraft flow fields to predict the normal and side forces and centres 
of pressure on stores and pylons, for stressing purposes and release trajectory calculations is now quite 
couaon and relatively'successful. Calculating the drag or axial forces on the stores end eircraft 
components as a possible stage in the prediction of AC , is however unlikely to be so successful. This is 
because of both the limitations of currently available boundary layer calculation procedures and the 
inadequate definition of the store axial and wing chordwisc pressure distributions provided by the panel 
methods usually used to calculate the flow fields. The valus of such flow field information ij in helping 
to avoid excessive drag penalties due to stores rather than in predicting the drag increment. When juat 
thfc clean aircraft flow field is known at low CL and Mach number, it may be possible to avoid regions of 
high local velocities and take advantage of low velocity regions in choosing locations for stores. Where 
programmes for calculating the combined aircraft-store flow field including some lift and compressibility 
effects are available, it may also be possibl- for given stores and locations, to identify the conditions 
likely to cause the onset of flow separations and local supersonic flow. 

4.2. Empirical Prediction Methods 

In the two examples of empirical techniques described here, the aim has been to produce first 
approximations of cCn for relatively simple underfuselage and undenting store installations at Mach numbers 
up to about MQ for the clean aircraft, and to provide acceptable accuracy for project calculations. They 
should also prove helpful in establishing target values for the drag penalties due to exrernal stores. 
Both examples are based almost entirely on the low speed drag characteristics of the store assembliet, 
with little input from the parent aircraft aerodynamic characteristics. It should be stressed that, at 
present, the correlations used are somewhat tentative, but it is hoped that these are sufficiently flexible 
to provide scope for modification by the addition of further experimental data, where these are available 
to the project designer. 

4.2.1. Underfuselage Stores 

A method for predicting the incremental drag for a range of underfuselage stores is 
described in reference 4. As noted in section 2, iCD for underfuselage stores is usually relatively 
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insensitive to CL, at ltut at low to moderate CL. A framework describing the variation of ACD with M is 
ahowo on figure 14(a). It require* the derivation of :- 

the low speed drag increment. (i) AC  for M i H. 
DA        A 

(ii) M - the initial drag rise tisch number for AC , 

(iii) M - the Mach number at the start of the steep drag rise, 

(iv) AC  at M • M , 

(v) A fairing between points A and C - the variation of AC between M and M , 

(vi) AC- at M - 1.0 - the "aiming point" for the curve for M i  M . 

Taking these parameters in turn. 

<i> 4C. .„ - K. (at low M) x  [C_ 
DA   S DC0M? 

The discusaion in section 3.2 and figure 9 showed that for many undarfuaelage store 
arrangements Kj is about 1.0 at low speed. Figure 9 may be used as a guide in obtaining a low speed value 
for Kj. A value of Kc far removed from 1.0 might indicate that the method would not be adequate for 
predicting the variation of AC with K. 

(ii)  The initial rise or "creep" in AC is often very gradual, which makes the correlation of M, rather 
difficult. Figur* 14(b) presents approximate correlations for single and side-by-side stores using an 
aerodynamic fineness parameter for the store assembly defined as 

SI 

K bluffness, base and excrescence drag 
COKP 

iv- WET 
where  [ CfSWET Total estimated flat plate skin friction drag of the 

store-pylon assembly. 

(iii) H has been found to be within the range 0.90 < M < 0.95 for a large number of configurations with 
no evidence of any consistent correlation with the type of assembly or e.g. M . For prediction purposes 
it is suggested that we take M - 0.92. 

(iv)  A correlation of AC  in terms of M , AC  and .AC 
c A    I  A 

is presented on figure 14(c), where 

WET 

N. is AC.  based on the wetted area of the store assembly rather than the parent aircraft 
A 

WET 

reference area. This coefficient effectively combines a "dirtiness parameter" with the low speed 
installation factor Kg. It is interesting to note that, as for underwing stores et high subsonic Mach 
numbers (cf.section 3.1) where K. for a 'dirty' store was less than that for a clean store, figure 14(c) 
shows a reduction in AC  /AC.  with increasing AC . 

»./  "A |  ».) 

WET 

(v) Figure 14(d) presents a normalised fairing for the variation of AC between MA and M . This is a 
mean curve obtained from a large amount of data for underfuselage stores." For high drap, cases with low 
values of MA, a high degree of accuracy should not be expected, but for most simple configurations 

when AC AC_ and (M„ - M.) are 
c   A 

ill the fairing is probably acceptable. 

(vi)  Very few drag data are available for undarfuaelage stores at M • 1. However, for some simple 
jnderving store installations, fair agreement has been obtained between wave drag calculations by the 
Eminton method , with some judicious fairing of discontinuities in the area distributions, snd 
experimental data. The wave drag was calculated for complete wing-body and wing-body-pylon-store 
combinations. This should also be possible for underfuselage store installations and it is suggested 
that the resulting wave drag increment added to AC  should be sufficiently accurate as an 'aiming point1 

for the AC. M curve for M . M . 

Figure 15 illustrates the use of this method up to stage (v) for an installation of 4 stores 
underfuselage and compares the prediction with experimental values of ACn. The prediction overestimates 
ACn by about iZ at low Ma;., number and by about 10Z above M '  0.9. These errors are within 3! of the 
total aircraft plus store drag. 

4.2.2. Single Pylon Mounted Underwing Stores 

The empirical approach to the estimation of ACn and its variation with Cj_ and Mach 
number for underwing stores haa proved much less successful, as would be expected in the more complex 

■-■ ' - 



flow fituacion of the (tore beneath a wing. A* shown in section 3.1 the effect of CL on ACQ for similar 
stores varies considerably .or different wings. However the variation of AC.   or (K.)UT„ with 

DMIN     S MIN 

Mach number, at least up to Mj, for the clean aircraft, does appear to be strongly dependent on the 
freestreaa store drag and ii particular the "dirtiness" of the store installation, AC   / AC 

D(M)/  D(M-0) 
typically being greater for clean than for "dirty" stores at high subconic Mach numbers. 

Figure 16 presents a carpet graph for predicting approximate values of ("-)-„, 
given values of AM and a "dirtiness" factor, ElD , where 

AM 

-nd 

M - fL (CLEAN WINO) 

[cfs, 
JCOMP cf 

WET M. section 4.2.1. 

WET 

This is based on a correlation of ad hoc incremental drag data from wind tunnel tests 
of a variety of types of single pylon mounted stores under several different wings. It should be noted 
that, although (K.)   at a given AM decreases with increasing E,  'KS)MTN'

E (and hence, for a given size 

of store, AC   ) in fact increases with E. An example in which the (K )  , M, E, carpet has been used 
DMIN S MIN 

to predict AC M for the fuel tank and missile installations previously referred to in section 3.1.1. 
MIN 

(figure 4) is shown on figure 17. Except for an underestimate of about 10? in AC    for the missile at 
DMIN 

low M, there is good agreement between prediction and experiment for both stores up to M • 0.85 
(M. +0.05 approximately). 

4.3. Prediction for Full Scale Flight Conditions 

The empirical correlations mentioned in the previous section 4.2 are derived from wind tunnel 
data generally obtained at r_si  Reynolds numbers< 5 x 10' based on store length or local wing chord. For 
attached boundary layers with a specified position for transition to turbulent flow, the extrapolation 
of skin friction drag ft'j typical model to full scale Reynolds numbers is fairly well established, but 
the corresponding variation of the drag due to features involving flow separations, such as bluff noses, 
bases and excrescences is less certain. Also the interference between the store components and between 
the aircraft and the store-pylon assembly may be subject to scale effects. Both the empirical procedures 
mentioned in section 4.2. would require modification if there were significant changes in the relative 
proportions of bluffness, base and excrescence drag between model and full scale conditions. Some 
improvements in drag prediction for excrescences at typical flight Reynolds numbers may be hoped for, 
following the recent R.A.E. research programme on this topic1',  i1'. 

Unfortunately there are hardly any published "in flight" incremental store drag data suitable 
for direct comparison with model results. Considerable care is necessary when comparing store drag 
increments measured in the wind tunnel with those in flight, particularly in allowing for possible changes 
in tailplane drag due to the store installation e.g. any direct interference between the store 
installation and tailplane flow fields should be present in the wind tunnel data, but thrust increases in 
flight, due to the stores, may modify the downwash distribution at the tailplane and hence the tailplane 
lift dep'n    drag. It is also important, particularly for undenting stores where AC may vary rapidly 

with C , .nat comparisons are made at the equivalent values of wing C . A tentative example illustrating 

the uncertainties in the flight - tunnel comparison of some underwing store drag increments is shown on 
figure 18. The comparisons are at moderate CL and are all for the same aircraft. Two are for single 
stores and the third it for a multiple installation. The flight and tunnel results have been corrected 
to wing chord Reynolds numbers of 30 x 106 and 4 x iO6 respectively. The agreement in the variation of 
ACQ with M is encouraging, but quite varied conclusions regarding possible scale effects on the absolute 
values of ACn might be drawn from the three cases individually. The results for store A suggest that no 
significant extrapolation would be required in this case. For store B, however, an increase of about 
25Z in ACQ between tunnel and flight is indicated, while for the multiple installation ACQ is 
approximately 15! lower in flight than at model scale. 

5.    POSSIBILITIES FOR SEDUCED INCREMENTAL DRAG 

The discussion in section 3 included examples of store installations incurring excessive 
interference drag penalties and others in which favourable interference effects had led to very low drag 
increments. These extreme results illustrate the considerable scope for designing either good or bad 
installations in terms of incremental drag and one suspects that this aspect has received insufficient 
attention in the design of many existing store installations.  It is recognised that drag is one of many 
factors to be considered when assessing the overall operational performance of the aircraft-store 
combination as an effective weapons system. Other important considerations include structural, weight 
and C.C. requirements, satisfactory stability and handling characteristics, safe store jettison and 
initial trajectories and accurate weapon delivery. Nonetheless it is necessary to be fully aware of th> 
possible drag penalties or benefits involved in the choice of particular engineering solutions and the 
reduction of the installed store drag increment is a proper and important aerodynamic objective. Drag 
reductions may be obtained both from improvements of current installations and by the design of new type! 
of installation. It is directly beneficial to reduce the freestream drag of the components of the store 

[is. 
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'    • Reductions in E and >s, also yield corresponding improvements in the installed tirag 

■asses 
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reduced (K-)MT„ 
E 4nd increased M respectively (cf. section 4.2.). It should also be possible in SOBS 

cases to exploit favourable interference effects or at least to reduce the adverse interference within 
store assanblies and between the aircraft and the stores - i.e. improvements in K. and Kg. Examples of 
both approaches for store assemblies and installations are described in this section. 

S.l. Removal of Excrescences (Reduction of Jc 

A high proportion of Jc    for 
COUP 

COUP 

ny stores sad assemblies is the contribution fro 

excrescences. The crutch arms or sway braces incorporated in the ejector release unit (E.R.U.) housed in 
store pylons and carriers is a notable excrescence. Recently a new E.E.U. (MACE) has been developed In 
the O.K., in which these crutch arms have been eliminated. The results of an investigation of the effecta 
of crutch arms oc the freestream drag of a simple pylon-store assembly1'* are shown on figure 19. The 
total drag of this simple assembly is reduced by approximately 301 at low M, when the crutch arms are 
removed. This reduction is approximately equal to the estimated drag of the crutch arm« alone. Also 
shown on figure 19 is a comparison of the drag increment for a relatively simple underfuaelage store 
installation with and without crutch arms. In this installed casa removal of the crutch arms reduces 
£CD by about 40X. There is also a small reduction in Kg from 1.0 to 0.94. Both the configurations 
discussed here are good examples of localised excrescence effects which have not interacted with other 
components to create more general increases in interference drag. They also illustrate the benefits to 
be obtained from modifications of existing store-pylon assemblies and do not require any fundamental 
redesign of the installations. 

5.2. Reduced Interference between Stores (Reduction of K.) 

In reference 1 the possibility of reducing the wave drag of pairs of stores in close proximity 
by the application of 'area rule1 principles was discussed. Some results showing the effect of relative 
axial position on the total drag of pairs of parabolic bodies15 indicated that if one body was moved 
forward or backward by j x body length from th» line abreast position, the wave drag at M - 1 of the 
resulting combination was close to that of a single body - 1/3 of the wave drag of the line abreast 
combination. As would be expected for parabolic bodies, the benefits of this axial stagger decreased 
rapidly as Mach number was reduced from 1.0 and there was no significant reduction in drag at M f 0.9. 
However most practical store shapes have freestream drag rise Mach numbers considerably lower than that 
for simple parabolic bodies e.g. for typical bomb shapes M. ■ 0.85. For closely spaced combinations of 

such stores, it may well be possible to achieve worthwhile drag reductions at high subsonic Mach numbers, 
by staggering the stores axially to obtain a more gradual axial variation of cross section srea of the 
combination. Figure 20 shows a result from an experimental investigation of the effect of axial stagger 
on the drag of a pair of sting mounted stores with cylindrical mid-bodies16. Th* average drags of the two 
stores for the line abreast case (x 
(x - «0.75D) are compared with the drag of a single store. Below about M 

closely, indicating no significant resultant interstore interference and hence no benefit from the stagger. 
Above M • 0.8, however, there is considerable interference drag at xg ■ 0 - at M • 0.9, the average drag 
ot 2 stores is about 70Z higher than tne single store drag. With Xg • *0.75E, the increase in drag 
relative to the single store at M - 0.9 is reduced to about 2SZ. This suggests that significant 
reductions in interference drag could be obcainad by very modest amounts of axial stagger within groups 
of stores.  It is probable that the optimum stagger will vary with Mach number - figure 20 shows that for 
M >.  0.95 the average Cn for xg ■ »0.75D is about equal to that for xs ■ 0. 

The interference between 'line abreast' stores can of course be reduced by increasing their 
lateral spacing. Figure 21 shows the variation of the ratio 

AC (measured for two stores) 

0) and with an axial stagger of 0.75 x store maximum diameter 
0.8 the three results agree 

K (for two stores) 
COUP 

with lateral spacing between a pair of stores6. For this purpose the estimated drag of the carriers has 
been subtrr-.ed from the measured results. At low Mach number there is a 2SX penalty, compared with the 
isolated estimate, for the stores at minimum spacing (y/D - 1). This penalty is almost eliminated when 
the lateral separation is increased to j x store diameter (y/D - 1.51. At M - 0.9 the drag of 2 stores 
at y/D • 1 is nearly 4 x £C      This factor is reduced to about 3.2 and 3.0 with increases in y/D 

C0MP 
to 1.5 and 2.0 respectively. Thus by spacing the stores just half a store diameter apart a worthwhile 
reduction in K, is achieved. It should be mentioned that the estimated increase in drag due to the lirger 

carrier required to increase the spscing from y/D - 1.0 to 1.5 is about 7Z of Jc     for a single isolated 
store. C0MP 

The introduction of stagger and/or increased lateral spacing between stores in multiple 
installations are measures which would require the design of new types of store carrier. However some 
current installations involve a tandem arrangement and, as noted previously, (section 3.2), a pair of 
stores can usually be carried in this way with little »'averse interstore interference and hence no 
significant increase in Kg compared with a single z">{*  assembly. For bluff or flat based stores, tandem 
carriage can give Kg for two stores less than that It"  a single store of the same type, due to favourable 
fore and aft interference between the stores. Certainly, where practicable, tandem carriage is to be 
preferred to line abreakt arrangements. 

5.3. Application to An Undenting Multiple Store Installation 

Recent experiments at A.R.A. 5>5 have explored the application of the methods described in 5.1 
and 5.2 to the triple carrier loaded with 3 bombs, which was discussed in 3.1.2., both as a simulated 
isolated assembly and when installed undenting. Figure 22 shows the variation of CD with M for the loaded 
carrier in simulated freestream conditions. 

- 
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(i)    in standard form, 

(ii)    with all crutch arms removed (8 pain including those on the pylon E.R.U.), 

(iii)    with the remaining excrescences on the carrier removed or faired in, 

(iv)    with the two shoulder bombs staggered by approximately 0.9 x bomb diameter 
tore and aft relative to the lover store. 

At M • 0.4, Cn for the assembly vitho/t crutch arms is about 0.65 Cn for the standard 
configuration. The important feature of this result is that K^ is also reduced from 1.75 to 1.S0 i.e. 
the total drag has been reduced by much more than the freestream drag of the crutch arms. This is 
therefore a case where the excrescences have caused significant interference drag within the assembly. A 
possible explanation for this interference is chat the local disturbances in >se boob and carrier body 
boundary layer*due to the crutch arms have increased the tendency for widespread flow separation on the 
Komb and carrier afterbodies. With increases in Mach number above about M ■ 0.7, the magnitude of the 
reduction in CD due to removing the crutch arms is progressively reduced. This does not mean that the 
interference at the higher Mach numbers is any less severe, but more probably that compressibility 
affects in the store-store and store-carrier interference are then the major fa-rgr influencing the drag 
of the assembly, e.g. the evidence of shock induced separation on the shoulders of the stores noted in 
the oil flow photograph at M » 0.75 (figure 7). The further staje (iii) in the "cleaning up" process on 
the carrier reduces Cp at M » 0.4 to about half that of the standard configuration. K& remains at 1.5 
which shows that these relatively small excrescences were also contributing 1.5 times their freestream 
drag when installed on the loaded carrier. The reduction in CD again falls off rapidly at higher Mach 
numbers. Staggering the shoulder bomb has no further significant effect on CD or K, at low Mach numbers 
compared with the stage (iii) cleaned up carrier, but at the higher Mach numbers, as had been hoped,there 
is a considerable further reduction in Cp. At M ■ 0.9, Cc is about 0.65 Cn for the standatd case and 
about 0.8 CQ for the stage (iii) configuranon.  It should be rev inhered that these results are not only 
significant in terms of incremental drag. They represent equal!/ significant reductions in the total 
aircraft * stores drag. As noted earlier (3.1.2), at quite «""'crate subsonic Mach numbers, ACr, due to 
such installations can be greater than CD for the clean ai.craft. 

The drag reductions achieved by removing the excrescences from a similar loaded triple 
carrier assembly when installed underwing are shown on figure 23. (This represents a feasible improvement 
of an existing carrier rather than the extensive redesign which 'staggering' would require), Jc 

COMP 
for the removed excrescences is also shown. As for the isolated assembly, the irstalled drag reduction 
at Mach numbers up to about M ■ 0.8 is considerably greater than Fc     for the excrescences, 

" COMP 
illustrating again the adverse interference within the assembly due to the excrescences. Also shown is 
the large variation ir ACn with C. at the lower Mach numbers indicating that the interference drag of 
the assembly may be further magnified by store-pylon-wing interference. 

5.4. Favourable Aircraft-Store Interference 

Examples of the very low values of Kg achieved at both low and high subsonic Mach numbers 
with multiple arrays of small diameter stores closely packed beneath a flat underfuselage surface have 
already been discussed (3.2). Various extensions of this application of favourable aircraft-store 
viscous interference have been considered recently.  In one method, known as conformal packaging17, the 
usi of a matrix of rectangular or cylindrical stores packed between suitable nose and tail fairings is 
proposed, significant drag savings are claimed for this arrangement underfuselage, compared with current 
multiple store installations. Satisfactory jettison of the fairings might be required however, to avoid 
the probable high incremental drag in the absence of the packaged stores- A further possibility is to 
half submerge the stores in cavities in the underfuselage surface (semi-submerged stores). Lower 
installed drag increments would certainly be expected for such installations compared with conventional 
carriage. Unfortunately the drag increment due to the cavities, after store release, has been found in 
some cases to be larger than that due to the stores. Also the cavities have to be tailored to the shape 
of the stores, which may place restrictions on the range of stores carried by the aircraft. These 
objections might be overcome if jettisonable 'false bottom' type fairings for the stores could be devised. 
The safe jettison of such a fairing, as in the rase of packaged stores, would however in itself be a 
difficult aerodynamic design problem. Another interesting proposed solution'8 is the use of lifting 
half-body store shapes. Reductions in incremental drag of the order 25Z, compared with equivalent 
'whole' shapes, were demonstrated in wird tunnel tests, at subsonic and supersonic Mach numbers, on half 
bombs and pods mounted on a flat underfuselage surface. Clean store separation characteristics were also 
demonstrated for these shapes. Recent studies of the aerodynamics of lifting bodies should provide 
sufficient data Co at least investigate the feasibility or otherwise of such shapes as air launched 
weapons. 

6.    CONCLUDING REMARKS 

The severe aerodynamic penalties which can be imposed by external store carriage have been noted 
and the large contribution made by some typical store installations to the total drag of strike aircraft 
has been emphasised. It has been shown that for many simple installations with single stores on well 
spaced pylons and with well behaved flow on Che local parent aircraft surfaces, the interference between 
the aircraft and stores at low speed is of a potential flow type, with effective cancellation of the 
buoyancy drag forces on the separate components giving installation factors near unity. With a knowledge 
of the aircraft flow field and the geometry of the store-pylon installation, such conditions should be 
readily identified. For this type of installation, the variation of iCp with Mach number correlates 
fairly well with the freestream drag characteristics of th? store assembly and this form of correlation 
has been used in tentative empirical procedures proposed for the estimation of AC. due to simple 
underfuselage assemblies and AC.   for single underwing scores. The variation of AC with C at low to 
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moderate CL for undcrving stores is strongly influenced by the parent wing aerodynamic characteristics. 
For multiple installation« involving significant viscous and compressibility effects in the interference 
within the . ssembly and between the aircraft and the stores, a wide range of values of the installation 
factor can occur and in these case« the prospects for predicting 4CD are remote. However the possibilities 
for reducing &Cn are more encouraging. The scope for drag reduction and for low drag designs is implied 
by the wide variation in Kg between different installations. The examples quoted of modifications to 
current installation« and of new types of installation indicate that potentially large drag reduction« 
can be achieved by applying simple well established aerodynamic principles in practice, rather than from 
any radically new methods. While it is recognised that a degree of compromise is required between drag 
and the many other factor« involved in the design of «tore installation», it must be stressed t\:*r  it 
would require much greater effort to obtain such large percentage reduction* in the drag of loaded «trike 
aircraft from any other «ource. The proportior of the total drag due to external «tore* may well increase 
in the future, since advances in wing design could lead to the design of «mailer aircraft for given 
mi««ion« and load carrying ability. A flexible and radical approach is required at the project design 
stage, which ideally should integrate the aerodynamic deaign of the aircraft and «tore«. Certainly if 
«tore« are to continue to be carried underwing, then thi* should be reflected in the future reiearch 
programme on wing deaign for combat and «trike rircraft. 
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A.l. Bodies 

(«) Bodies with null bsaes 

where 

"WET 

S_ *    0.2 

X c   s 
f 8WET 

Mt) 
I or l, M    + 2d      (ice Fig.A.l) tan 

whichever ii lese 

wetted area of body excluding any base area 

Cf* f (W 

CD  r 

skin friction coefficient fcr a smooth flat plate with 
turbulent boundary layer from x , at M • 0, obtained from 
the charts of Ref A.l (baaed on Prandtl-Schlichting) 

f (R , x ) obtained from P..Ae.S.Data Sheets Bodies 02.04 

(b)    Bodies with significant base area (Fig.A.l). 

The zero lift drag is split up as follows: 

(i)  Profile drag of ABDEG with no boat tail increment 

viz -2-1 - x 
' J, 1 Cf SWET 

where X 

VD I -  0 

and t 1 I,♦ I or 2 ft. ♦ d I whichever is less. 
f   m     '— Je   m -1 

This assumes that the form drag term (X - 1) for the 

closed body ABCD'FG (a body with an imaginary afterbody CD'F 
of the same length and fineness ratio as the forebody ABG) is 
made up of equal contributions from the forebody and the afterbody, 

d 
Note that C„ jl  c and S,__ are obtained as in A.l. (a) with 

WET 
R based on total length I as in A.l (a). 

(ii) 
D8 Dh 

Boat-tail drag — (on CDEF) and base drag — 
q q 
A 2 

McDonald and Weir  "  give  a correlation of data at M ■ 0.90 for 
both curved and conical afterbodies, based on the parameters; 
boat-tail angle (S) and base to body maximum diameter ratic. Honeywell ' 
gives the empirical expression 

0.115 ♦  (10M - 2)  x 10 for 0 < M < 1.0 

based on Che correlation of a large amount of experimental data for 
bodies without boat-tailing. Using Ref.A.2 values of boat-tail drag 

— and base drag — are found at M ■ 0.9.  Honeywell's C  - M relationship 
b 
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is eben used to factor — for the appropriate Mach number: 

-£ (M)  - -* (M - 0.9) 
i     q 

Then — 
<1 

DB    \ -I ♦ ->■ (M) 
1     q 

Db(M) 

°b (M 0.9) 

This includes no Mach number effect on — . 
q 

McDonald and Weir found no significant Mach number effect however, 
at Mach numbers up to 0.9 in the data used for their correlation. 

For a body wirhout boat-tailing at M - 0.9, the two methods give 
values of base drag D.  in very close agreement. 

For any particular configuration it is advisable to consult other 
sources of information e.g. Refs. A.4. to A.7. in order to obtain an 
idea of the probable accuracy of prediction. In particular, Hart A.6 
shows the effect of tail fins on C . 

Db 

(c) Bodies of non circular cross section. 

These may often be treated as equivalent bodies of revolution. When these are slender 
shapes the method is as in A.l.(a) and (b). Certain types of launcher, strakes and 
fairings can be dealt with in this way. 

A 8. 
For bluff bodies Hoerner ' ' gives values of AC]) due to nose bluntness, which can 

be used in conjunction with A.l.(a) and (b); and values of total Cn for bodies of 
constant diameter. Data on the effect of rounded corners is also presented. Refs.A.9. 
and A. 10. also contain data on the effect of nose shape on C . 

*£ 
Tests at A.R.A. which investigated the effect of slight nose "blunting" ( -r- reduced 

from 3.5 to 3.3) on the installed drag of a store, showed no significant change in either 
the installed store axial force or the overall store drag increment at subsonic speeds. 

(d) Excrescences. 

A 8 Hoerner * * is used as a guide when allowing for the effects of lugs, brackets etc. It 
is hoped that improved estimates for some components will be possible following the 
recent R.A.E. programme of research on excrescence drag*-1'. 

A.2.  Wings. 1 ins, pylons 

(a) Profi le Drag 

D    . 
q 

tip 2"      J root 

dy 

where n ■ number of wings or fins (e.g. 4 for cruciform layout). 

There is no allowance for aspect ratio effects in this expression. This may be an 
important omission in the case of store pylons and, strictly, excludes the highly 
swept, low aspect ratio surfaces typical of missiles. However, at zero lift, it is 
in common use as a first approximation for missile vings and fins and can certainly 
be justified for the present purpose, since these contribute only a small proportion 

of the total store drag. For this case it is usual to simplify the expression for — 
q 

n S„ "WET" * - f 

where C, is obtained as in A.l.(a) and 

X  ■  f (type of section; t/cj x ) 

and t/c are based on the mean chord. 

The R.Ae.S. Data Sheets Wings 02.04 are used in determining X 
no sweep factor is applied, but for pylons X is modified to 

For store wings and fins 

WT)  "  l *   (>UNSWEPT • 1} C0'2 * 

where  A  ■  mid chord sweep angle. 
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(b) 2-t »ass drag 

Score pylons with thick trailing edges can give rise to a considerable base drag 
contribution. For "slab sided" pylons wit'i no boat-tailing, such as are often 
used on snail scale wind tunnel models, the results obtained by Nash, Quincey and 

Callinan 
A.12 

who measured the base pressure on a 2--D section of this type at 

Nash '  gives a prediction method and 
examples of the effects of boat-tailing on C  at M - 0; which may be used in 
Mach numbers up to 1.1, are applicable. 

conjunction with the results of Ref.A.12 for pylons vith more conventional sections. 

On some wind tunnel models, pylons having half round trailing edge sections 
have been used. These cases are treated as normal thick trailing edges for drag 
estimation. It is apparent, however, from the results it. Ref. A.12 that this type 
of trailing edge could produce considerably higher drag at certain conditions of 
Reynolds number and Mach number. 

A.3.  Total Freestream Drag 

No allowance is made for mutual interference between the components or for junction 

drag. The total drag M /q  is obtained by simply summing the drags of the various 
l    JCOMP 

components, e.g. for 4 missiles with cruciform control surfaces, bluff noses and bases and 
launchers, mounted in pairs on a carrier and pylon beneath aach wing of an aircraft. 

I % 
COMP 

I!D/<. 

l\\ 
BODY, LAUNCHER .CONTROLS 

CARRIER, PYLON 

where U    / 
BODY 

Xl  CfSWET 
AD 

NOSE 

AD 

EXCRESCENCES 

and so on for the other components. 
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Provisional Summary for 

STABTLTTV AMD CONTiinL TMPI. TCATIOMS OH AUCBAFT PERF01MAHCE PREDICTION AMD OPTIMIZATION 

by 

J E JENKINS 

Air Force Flight Dynamic« Laboratory, Wright Patterson Air Force Base, USA 

Traditionally the stability and control considerations in preliminary design are restricted to the sizing 
of control and stabilizing surfaces and establishment of center-of-gravity limits. However, there are 
advantages to performing more comprehensive stability and control analyses in preliminary design because 
early consideration would permit better optimization through appropriate trad?-offs. For example, trades 
between inherent airfraae characteristics and flight control system complexity (CCV) offer potential 
performance benefits. Early consideration of stability and control characteristics can also help 
alleviate potentially serious problems such as pitch-up and roll coupling. Low cost digital computer 
techniques in both the aerodynamic and the dynamic-response areas are now available to permit the 
required analyses to be accomplished in a timely and cost-effective manner. 

The interfaces between stability and control and other technical disciplines are briefly reviewed to 
identify the primary ways in which stability and control can influence the design. Not all of the possible 
interactions can or should be analyzed in preliminary design; rather, the preliminary design objective 
should be to seek an early definition of the requirements which vill be levied on the flight control 
system (PCS) so that trades between FCS complexity and performance can be properly considered. 

Two aspects of stability and control interactions with performance optimization are then discussed. 
These are (1} optimization with respect to the primary mission profile and (2) the impact of "off-design" 
operation. 

Next, data requirements from the stability and control viewpoint are compared to the capabilities of 
available tools (Digital Datcom and Flexstab). Desirable features of automated prediction methods for 
design applications are discussed in addition to the method's limitations in accuracy and applicability. 

Finally, a brief review of some CCV research program results is given to illustrate the potential perfor- 
mance benefits available through this approach. 

Not Available for Publication 
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Supplementary Contribution on 

AIRCRAFT PERFORMANCE COMSIPERATKWS FOR WDISE REDUCTION 

by 

JOHN WILLIAMS 

(Lecture Series Director) 

SnyopggnoN -*" SUMMARY 

During the next decade at least, trie aircraft designer is faced with the problem of achieving much lover 
noise levels outside airport boundaries (10-20 PNdB reduction), while at the same time predicting and 
guaranteeing the noise field from future aircraft projects to a much greater accuracy than hitherto (say 
within v! dB). This applies primarily to civil transport operations, but similar reductions are also 
desirable for some military operations; not merely for transports, but also for low-level search, 
reconnaissance and transport aircraft.  Moreover, such noise improvements are demanded with minimum 
penalties on aerodynamic, structural and propulsive efficiency. In fact, continuing improvements in 
airfield performance and en-route performance are likely to be expected, particularly in view of rising 
fuel costs and environmental constraints, with the associated penalties on operating costs. 

Fortunately, there has been a rapid evolution already of gas-turbine engines for subsonic transport 
operation: 

from early turbo-jets (BPB » 0), 

through low BPS fan units (BPR » j to 2), 

to modern high BPR tan engines (BPR • 3 to 8) 

This has yielded not only improvements in engine sfc and static/cruise thrust-ratio but also substantial 
reductions in noise. It can be argued that the penalties for the lower noise level of the latest genera- 
tion of turbo-fan engines are relatively small, being associated with only a modest amount of absorptive 
treatment of the engine ducts. 

However, the designers of the next generation of even quieter transport aircraft with minimum economic 
penalties need to exploit not only further improvements offered by the engine designer. The aircraft 
performance characteristics, the airframe design and airframe-engine aero-acoustic interference have also 
to be integrated and biased towards noise reduction. As I shall attempt ro illustrate, there is now a 
necessity to analyse various aircraft design and performance features and to synthesise carefully th» 
engine and airframe combination in respect of noise; as well as to satisfy the more conventional demands 
of operating performance, handling, and safety. 

The development of even quieter engines will be essential of course and is already projected through the 
choice of appropriate thermodynamic cycles, designing components so as to minimise noise generation at 
source, and more elaborate use of acoustic treatment. All such steps will be conditioned by the avoidance 
of excessive penalties as regards installed mass performance, maintenance and cost. 

The aircraft performance characteristics themselves, while satisfying the mission requirements, may also 
be exploited for noise reduction, for example in the following ways:- 

Minimisation of TOL Thrust - less noise generated at source. 

Steeper TOL Flight Paths  - greater separation from ground. 

Shorter Field Length     - shorter footprint and less duration of noise. 

En-Rout» Requirements     - engine/airframe requirements. 

Particular aircraft design features can also be significant either indirectly or directly, eg by:- 

The appropriate optimisation of aerodynamic/structural parameters such as wing aspect-ratio and 
sweep, and the high-lift device arrangements;  in particular to reduce thrust required and to allow 
steeper gradients. 

The minimisation of airframe self-noise particularly with the high-lift devices and undercarriage 
deployed; S'T.T'  this may limit the aircraft noise floor attainable as the engine noise is further 
reduce-". 

Airframe shielding of engine noise sources, taking account of edge-diffraction effects. 

Ail frame flow-field influence on the propagation of engine noise through refraction or other effects. 

The aero-accustic interference between enaine-flou and neighbouring airframe surfaces siust also be taken 
into account, eg:- 

Airframe surface interaction with engine flow development, thus modifying the engine noise sources. 

Engine flow interaction with airframe surface, causing excess airframe noise. 

This supplementary contribution to the Lecture Series will discuss such relevant aspects of aircraft 
performance and aero-acoustics, in relation to external noise prediction and reduction. 

, —■■■   
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Supplementary Contribution on 

APPLICATION OF GROUND FACILITIES FOB FLIGHT AERODYNAMIC PERFORMANCE PREDICTION 

by 

Ph POISSON-OUINTON 

Adjoint au Directeur Scientifique Central,  (ONEEA, France) 

gUMMARY 

Vithin the scope of this seminar which ends the Lecture Series, an attempt is made firstly to extract 
some general conclusions in the light of the preceding lectures during which the problems of using ground 
facilities for the prediction of aircraft performance have been discussed. 

The three regimes of a flight mission will therefore be exarained:- 

(a) Taks-off/Climb and Approach/Landing, 

(b) Cruise (subsonic and supersonic), 

(c) Limits o? the Manoeuvre flight envelope! 

with a view to finding out to what measure present facilities are adequate for providing useful aerodynamic 
data for the prediction of actual, flight conditions. In fact, in every case, the aircraft designer must 
make corrections to the results of his wind-tunnel tests based both on calculations and on his previous 
experience of flighy'tunnel comparisons. For his part, the test engineer must effect corrections based on 
the particular conditions of each wind-tunnel test; wall and support-system corrections, exact localisa- 
tion of transition on the r-odel to permit the correction of the friction term, correction for the limited 
simulation of propulsion, etc. 

Finally, reference will be made to the principal recommendations put forward by the AGARP/LaWs Working 
Group, charged recently with the task of making a study of prospective new test facilities (for develop- 
ment in Europe) capable of an optimal approach to the conditions of actual flight, particularly in the 
transonic and low-speed flow domains.  In conclusion, it seems that a considerable effort must be made, 
not only to develop test facilities of better performance, but also to improve methods of measurement and 
analysis in the laboratory, in close conjunction with theoretical treatments. 
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