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FOREWORD

This report was prepared by the Convair Aerospace Division
of General Dynamics Corporation, Fort Worth, Texas, for the Air
Force Flight Dynamics Laboratory under Contract F33615-73-C-
3043, Project 147601l. The work reported here was performed in
the period December 1972 through October 1973.

The results of this work are documented in two volumes.
Volume I presents the methodology developed in this study;
Volume II contains the user manual for a computer program
which automates these methods.

The work was accomplished under the direction of
Mr. J. Kenneth Johnson of the Air Force Flight Dynamics
Laboratory (FXM). The author wishes to acknowledge the
valuable assistance of Mr. Eugene L. Crosthwait, Convair
Aerospace Division, in the development of the empirical
methods for the wing lift and wave drag characteristics.

This techmnical report has been reviewed and is approved.

?

Philiyg P. Anfgﬁato:a
Chief, Flight Mechanics Division
Air Force Flight Dynamics lLaboratory
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ABSTRACT

This report (Volume I, Empirical Methods) presents the
methods, equations, and substantiating data for an empirically
based computer program for the rapid and accurate evaluation
of the aerodynamic characteristics of large aircraft (bombers,
tankers, and transports) from takeoff through landing and
through the subsonic, transonic, and supersonic speed regimes.
The program calculates 11ft, moment, and drag characteristics
at both low- and high-1ift conditions, including the effects
of ground proximity during landing and takeoff. The input
requires the configuration geometry and the aerodynamic condi-
tions for which soluticns are desired. The program includes
the capability of analyzing both fixed-wing and variable-sweep-
wing configurations as well as the aerodynamic characteristics
of the most recent supercritical wing designs. The accuracy of
the program is verified through comparisons of the predisted
results with experimental data for several configurations.
Details of the input and output for this program along with
a FORTRAN source deck listing and sample problem are contained
in Volume II., Program lser Guide_  Although this program was
developed to handle the bomber, tanker, transport class of air-
craft, it is alsc applicable to fighter type aircraft without
maneuver devices.
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1. INTRODUCTION

The need for a computer program for performing rapid and
accurate evaluation of the aerodynamic characteristics of an
aircraft is evident during evaluation of a preliminary design
configuration when both time and gecmetry definition are
limited. A quick-response program is also needed for performing
preliminary design trade-off studies. This report presents
documentation for an empirically based computer program that
will predict, with minimum aircraft geometry input requirements,
the aerodynamic characteristics of large aircraft (bombers,
tankers, and transports) from takeoff and landing through the
subsonic, transonic, and supersonic speed regimes.

Some of the methods contained in the AeroModule program
(Reference 1) developed at General Dynamics' Convair Aerospace
Division, Fort Worth Operation, are utilized in the Large-
Alrcraft Aerodynamic Prediction Program. The AeroModule pro-
gram was developed to provide 1lift and drag estimates for use
in a computerized aircraft design synthesis program, The
Large~Aircraft program has extended the AeroModule methods to
include moment calculations along with improving the methods
used to predict lift and drag.

Input to the Large Aircraft program requires the configu-
ration geometry and the aerodynamic conditions tor which solu-
tions are desired. Aircraft geometry is represented by a
series of component bodies and airfoil surfaces. The geometry
input requirements are minimized by usc ¢f internally calculated
values where possible. Component wetted areas can either be
calculated internally from other input or input directly,
as desired. The program includes the capability of analyzing
both fixed-wing and variable-sweep-wing configurations along
with either conventional or supercritical wing designs.

The output from the Large Aircraft program consist of
tabulated Cy, Cp, Cyp, and angle-of-attack predictions for a
given Mach number and altitude or Reynolds number condition.
In addition, 4 breakdown is given of each drag item such as
drag rise, wave, friction, base, trim, camber, etc. Also,
other aerodynamic parameters such as lift-curve slope, CLpax,
polar-shape factors, wing-bodv acrodynamic center, etc., are
listed. The output format is designed to provide the program
user with a quick scan of the significant aerodynamic para-
meters along with an in-depth lock.

1




The methods, equations, and substantiating data for the
Large Aircraft program are presented in the following sections.
Details of the input and output of this program along with a
FORTRAN source deck listing and sample problems are contained
in Volume XI, Program User Guide.

Altheugh this program vwas deveioped to handie the bomber, tanker,
transport class of aircraft, it is also appiicable to fighter type air-

craft without maneuver devices. The program is referred to throughout
the text as the Large Aircraft Program.




2. GEOMETRY

The Large-Aircraft Aerodynamic Prediction Program requires
a minimum of input data since most of the geometric parameters
used in the aerodynamic methods are calculated internally within
the program. Some geometric parameters such as wetted areas and
mean geometric chords can be either generated internally by the
program or accepted as input data. The conventions and equations
used by the Large Aircraft program to determine the geometric
parameters used in aerodynamic calculations are described in this
section.

2.1 Component Geometry

The basic aircraft geometry is represented by a series of
components. The fuselage, canopy, and stores are represented by
a series of bodies; the nacelles are represented by another series
of bodies (opennosed); and the wing, tail surfaces, pylons, and
ventrals are represented by a series of single-panel airfoil sur-
faces. For cranked or complex wing planforms the wing can also
be represented by a series of interconnected surface panels.
Provision is also incorporated into the program for computing
the geometric parameters for variable-wing-sweep counfigurations.

2.1.1 Body Geometry

The minimum geometry input requirements for the beody compo-
nents are length, width, height, nose length, and boattail length;
in addition, for open-nosed bodies, the inlet and exit area must
be specified. I1If the maximum cross-sectional area of the compo-
nent, AMAX, is not input, the value is calculated by

Ayax = 7 (width x height) (2-1)

Also, if wetted area for the component is not input, a value is
then calculated. The wetted area for close-nosed bodies is
determined by

a— {2.8/[N + 2.5[3.1,(1 +\/ Axxf’:‘:
+40f- fy - /[BT)}V 7 Amax (2-2)




For open-nosed bodies, wetted area is determined by

AINLET A EXIT -
AypT {2.5,&(1 +\'{:MAX ) + 2.5 (1 +V Ty

+ad - Ay - /BT}V %TA MAX (2-3)

2.1.2 Airfoil Surface Geometry

The input required to define the planform for the airfoil
surface components that represent surfaces other than the main
wing are exposed taper ratio, exposed root chord and the leading-
and trailing-edge sweep angles.

The aspect ratio and the exposed area of each component
are calculated by the equations

(1-2s) 4
ARs = (T+8Y  TanlAny, - tantliog (2-4)
A3 IS LY lu/s
2 AR
Spxp = [_'(CR)S (1+ AS)] - (2-5)

If the component wetted area and mean gecmetric chord are not
input, they are calculated by the equations

gy " 3 (), [1 + 1&3 ] (2-6)
r 2
Swgr = SEXP | 2+.1843(t/c)g + 1.5268(t/c),”

- .8395(t/c)83] (2-7)

The wetted area is essentially twice the exposed area with a
small factor to account for thickness.

For trim calculations the location of the horizontal tail
quarter-chord point on the MAC is calculated from

T
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by. 1423 _C-HT
XHT = GhT [1qﬂilr] tan(_A.LE)HT + /A + (XLE)HT (2-8)

where byt is the exposed area span of the herizontal tail calcu-
lated from byr = V ARHT * SEXP . The moment arm of the tail at
any angle of attack i1s computed frcm

/{HT = Xy cos ({l -.) (2-9)

where

Xy = V(ZHT “ZCG)Z + (Xgr - Xge)?

and

_ﬂ. = arctan {(ZHT - ZCG) }

(X - Xcg)

Xcc and Zpg are the longitudinal and vertical locations of the
moment reference point and Zyy is the vertical location of the
guacter-chord peint on the horizontal tail MAC.

2.1.3 Wing Geometry

If the main wing is defined as one panel, the aspect ratio,
taper ratio, leading-edge sweep, planform area, and the location
of the wing relative to the fuselage are required input to define
the planform geometry. The geovmetry for a complex wing planform
is represented as a series of panels, as shcwn below in the sketch.

XLE, YW & CRW ARE DEFINED
FOR EACH PANEL

Y 2
YW(1) — //PANEL #1 \ FUSELAGE
/‘,;"7’]’ ere s “\"'INTERSECTION
-—_ L - - \l ﬁ
X e

P Pt s e 1




The totsl wing is defined by up to ten panels. The leading-edge
location and chord length of each panel edge is specified along
with the average secticon camber and thickness of each panel.
Average values of thickness and camber are computed by the root-
mean-square equations

'§.
, \/E:N(t/c)izsi ;
tjc = :

(2-10) |
SExp ‘s
|
2 !
JZN(CICI){ Si P
C = . 2-11
Ld SExp ( )

panels. Certaln aerodynamic calculations, such as wing wave
drag and lift-curve slope, require the use of an "equivalent"”
trapezoidal wing that approximates the planform of the arbitrary
wing. The sweep angle of the equivalent wing is cbtained by

!
|
1
}
|
!
B
where Sgxp =2¥ Sy 1is the sum of the exposed arcas of all the %
{
|
|
area-weighting the sweep according to the equations !
|
I

-

N
Z' (tanALE); Si

(tanfgg) = 17 (2-12) §
SExp |
N i
2. (cosAc/z,)iSi |
(coshes), = - (2-13) ;
SExp |
N
. (COSAC/Z)iSi
(cosAcfa) | = =1 (2-14)
SExp
N
12 (tanArp)  Si
(tandgp), = === (2-15)
SExp
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If the wing panel wetted areas and mean geometric chord
are not input, they are calculated by use of equaticns similar

to Equations 2-6 and 2-7.

For a multiple-panel wing, if the planform area is not
input, a value is calculated by summing the panel exposed areas
and adding the area obtained by extending the imnermost panel

to the centerline of the aircraftt.

In the case of a wing whose

innermost panel represents a strake with a large leading-edge
sweep angle, extending this panel to the centerline of the air-
craft would result in an extremely large planform area. In

this case the value of the theoretical planform area of the wing,
ignoring the strake, should be input. The aspect ratio is de-

fined as

2
AR = L"/Sprap

{(2-16)

1

Lift and drag parameters are calculated by use of the aspect
ratio defined with the wing planform area, and the final results
are then referenced to the reference area, Sggp, which is input.
In most typical cases, Spraw equals Sppr.

2.2 Varilable-Sweep Configuration

The planform for a variable-sweep configuration is defined
by a trapezoidal movable panel and an optional glove panel, as

shown in the sketch below.

XPIVOT
g YPIVOT
XLEQJ/ ‘ (
7 /7 /7 7 ’ 7 7 /7 7 7 7 ’ 7
o xaexy c—— ¢
1 & '




The procedure first defines the coordinates of Points 1, 2,

3, and 4 from the input. (The input planform area is equal to

twice the area enclosed by these four points.) When the movable
panel is rotated about the pivot point, the resulting geometry is
as sketched below. The coordinates of Points 2, 3, 5, and 6 are

then determined. The planform area is calculated as twice the

area enclosed by these four points. Since the tip chord is assumed
streamwise at the forward reference sweep, fthe distance from Point
2 to the centerline is the semi-span, b/2. The aspect ratio is
thus defined as

AR = h2/

£f2
SPLAN 2

The taper ratio is calculated as

A= cp/Cy (2-17)

where Cp and Cp are as defined in the following sketch.




o

A B AREA A =

AREA B
[/ o
"’//’/,,17" 17
7/
o Vi /
- /I _ Cr '/ / _ q‘

The mean aerodynamic chord (MAC) and wetted area of the
outboard panel are calculated by use of the tip chord, Cp, and

the chord, Cpxy. The (MAC).s1culated 18 expressed for the out-
board panel as

(2
2 A
(MAC) calculated = 5 Crx2 [ 1 + A ] (2-18)

where 2 = Cr/Crx2- The wetted area (Aget)c.alculated 18 com-
puted using twice the exposed area of the panel and the thick-
ness correction to wetted area expressed by Equation 2-7. These
calculated values for MAC and Ayt are compared with the optional
input values at the forward reference sweep and the aft reference
gsweep conditions. If the cglculated and input valucs differ, as
might occur for non-trapezoidal planforms, the input values are
used and the incremental differences between the two are used for
interpolation purposes in the calculation of MAC and Ayet at

intermediate syeep angles. The equations are as follows:

_A-
A Ay

(2-19)

+4Awet1 + (AAwetz“AAwetl){t;-A“l— (2-20)

Ayet ™ Ayet HAZ‘Ai

calc.

e e A s S el e e LG i, i e Sl




where

Omac = MACcalc., - MACinput

Dhyer = Avetcgic. - Awetinput

and where the subscript 1 refers to the forward reference sweep

position; and the subscript 2 refers to the aft reference sweep
position.

The maximum-thickness sweep angle,j\(t/c)max,used in fric-
tion drag calculaiions, is calculated from the quarter-chord
sweep of the panel and the inputj\(tjc)max at the forward and
aft reference sweep positions. The equation is

A-M
A = +AA;1 + (My-) 2-21
(t/c)pax =Ac/t 1 M) A (2-21)
where

AA = (Ac/'l")calc. - (A(t/c)max)input

The streamwise camber and thickness of the outboard panel
at a given sweep are calculated by

(CLcate. ® CLres zag}égggg (2-22)

(t/¢)catc. = (t/e)rar * ?5(‘27%??;3 (2-23)
where

c'/c = 0.5 ;cos‘(:;:.l;?ilﬁf + cos‘(:;:t:fATE)} ' (2-24)

Equation 2-24 is the relationship between the chord perpendicular
to the mid-chord sweep, C', and the streamwise chord, C. For a
variable-sweep wing, C' remains constant so that the camber and
thickness perpendicular to the mid-panel sweep also remain
constant. Finally, the outboard panel thickness is compared with
the aft reference sweep input value and, if the calculated and
input values differ, the input value is used for interpolation

10




pvrposee in the calculation of t/c at intermediate sweep angles.
The equation is as follows:

calc. * At/ %—"Ajﬁ (2-25)

where (At/c) = (t/e)jppue = (t/€)gq1c, at aft sweep.

(t/e) = (t/c)

4 The variation of wing twist with sweep can be calculated
from

T= Az | 2-2
arctan (C )tip (2-26)

wheve AZ is the vertical position of the leading edge (assuming
the wing is twisted about the trailing edge) and C is the
streamwise chord at the tip in the swept position. The tip
displacement is calculated at the forward reference sweep posi-
tion through the equation

(AZ)¢qp = (CRA) tanT
The streamwise chord at cthe tip is calculated from

Ceip = CR - (b/2) (tanAyg - tandyp)

The tlp displacement is assumed to be independent of sweep.

The variation of wing incidence with sweep is calculated
from

17 dpef (1 - tanAALE : tanATEl) COSMLE (2-27)

where Ay g =ALg 'j&LEl' In calculating the variations of twist
f and incidence with wing sweep, it is assumed that the wing pivot
is perveudicular to the wing chord plane.

2.3 Airfoil Section Geometry

Several airfoil section parameters are used in the aerodyna-
: mic predictions. These parameters are generated internally in the
- program for the NACA 6-series and 4-diglt airfoil sections along
with biconvex and supercritical airfoll sections. The procedure
determines the leading-edge radius as a function of thickness

11




[ g P

ratio, t/c, for these airfoils, as shown in Figure 1. The
distance of the position of maximum thickness from the leading
edge, Xt/cyax» 18 listed in Table I. A leading-edge sharpness
parameter, Ay, expressed as

Ay = A(t/c) (2-28)

is defined for uncambered airfoils, where A is a function of the
airfoll leading-edge geometry (shown plotted in Figure 2,2,1-8
of Reference 2). The trailing-edge angle of the upper surface
of the airfoil is computed from

Brp = B(t/c) + C(Cyy) (2-29)

A, R, C values used in the Large Aircraft program are listed in
Table I.

If the airfoil section cannot be approximated by one of the
sections contained within the Large Aircraft program, the user
can input geometry to define any arbitrary airfoil section.

Two examples of the designation for a six-series airfoil are
given Ly:

64-210 and
644210

The 6 for the first digit indicates a 6-series airfoil. The
second Jigit (4) designates the chordwise location (in tenths)
of the minimum pressure for the basic symmetric airfoil at zero
1life. The third digit (2) designates the camber design lift
coefficient (in tenths). The last two digits (10) designate
the airfoil thickness (in percent). The ietter A appearing in
some 6-digit.series designations indlcates that a modified
thickness and camber distribution is used.

An example of the designation for a 4-digit airfoil is given
by:

0012-34

where the 12 designates the thickness (in percent chord), the 4
designates the position of maximum thicknese (in tenths), and

the 3 designates the leading-edge radius (3 designates 1/4 normal,
6 designates normal, and 9 designates 9X normal leading-edge
radius).

12
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Figure ]: Variation of Leading-Edge Radius with

I'.l‘hickuess Ratio of Airfoils '
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Table 1

TABULATED AIRFOIL SECTION PARAMETERS

Airfoil Type x(t/C)max A B C
63-geries .35 22.0 34.6 14.8
64-geries 375 21.7 38.4 14.8
65-~geries A4l 19.2 46.4 14.8
66-series A 18.35 60.2 14.8
63A .37 22.0 57.5 14.05
64A .39 21.2 59.5 14.05
65A .42 19.2 66.5 14.05
Supercritical . 3471 27.0 30 40.0
Biconvex .50 11.75 35.0 0.0
00XX-62 .2 24.0 50.0 13.8
- ~-63 .3 24.0 63.0 13.8
-64 .4 22.0 82.8 13.8
-65 .5 20.0 113.0 13.8
-66 .6 20.0 153.0 13.8
-33 .3 19.0 63.0 13.8
-34 .4 17.0 82.8 13.8
-35 .5 15.0 113.0 13.8
-93 .3 29.0 63.0 13.8
-94 4 27.0 82.8 13.8
=95 .5 25.0 113.0 13.8

14
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3., MINIMUM DRAG

The drag of an aircraft can be represented as the sum of
minimum drag, plus drag due to 1lift, plus drag due to trim. The
drag bookkeeping system used in the Large Aircraft program has
minimum drag comprised of the drag items that are "assumed" to
be independent of 1lift, such as frictfon, form, interference,
wave, base, camber, roughness and proturberance. Drag due to
1ift is comprised of the drag items that vary with 1ift, such
as induced drag, profile drag increment due to 1lift, and flow
separation drag. Transonic drag rise, which varies with life,
is separated for bookkeeping purposes into an increment added
to minimum drag and an increment added to drag due to 1ift. 1In
cases where the fuselage has an upswept aft end, the increment
in fuselage drag between an upswept fuselage and a symmetrical
fuselage is tabulated in the program output as a function of
1lift. The drag buildup does not include incremental drag con-
tributions due to propulsion installation such as spillage drag,
bleed, nozzle effects, etc. In many thrust-drag acccunting sys-
tems the propulsicn related drag increments are included in the
propulsion force buildup since these drag increments vary with
power setting. If a horizontal tail is present on the configu-
ration, the untrimmed 1ift and drag is computed for a zero tail
deflection condition. The effect of horizontal tail deflection
for trim is determined by computing the lift and drag increment
relative to the zero tail setting.

The methods used to determine each ¢f the minimum drag
contributions and the fuselage aft-end upsweep drag are de-
scribed in the following subsections. Drag rise, drag due to
1ift, and trim drag are discussed in Sections 5, 4, and 7,
respectively.

3.1 Friction, Form, and Interference Drag

A large part of the subsonic minimum drag is comprised of

" the sum of friction, form, and interference drag of all the

aircraft components. The drag of each component is computed as

Cp = (Cg - g::;) + FF - IF (3-1)

where C¢ is the compressible flat-plate skin-friction coeffi-
cient, Ayet 1s the component wetted area, and FF and IF are the
component form and interference factors.

15
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3.1.1 Friction Drag

The flat-plate, compressible,; turbulent, skin-friction coef-
ficient is determined from the general equation given in Refer-
ence 3,

1
Cg = H Cfi(RNL » Fg) (3-2)

where F1 and F3 are functions of the freestream Mach number and
wall temperature. The incompr essible skin-friction coefficient,
Cgy» 1s evaluated at the equivalent Reynolds number, Ry; Fa.
White and Christoph (Reference 3) developed expressions for the
transformation functions F; and F2 along with a more accurate
explicit equation, based on Prandtl/Schlichting type relations,
for computing the incompressible, turbulent, flat-plate friction
coefficient (Cfy) with the following results:

‘1 -1

o = 0430
i

For an adiabatic wall condition, t and f are given by

2.56

” -1
t-To./Taw-[1+r—5—M2]

f=1+0.066rM2¢
Using a recovery factor r = 0.89 and a viscosity power-law expo-

nent n = 0.67, recommended in Reference 3, results in the follow-
ing expression for C¢:

0.430

2
Cg=tf 7756 | (3-3)

where
-1
t = [1 +0.178 M“Z]
£f=1+0.03916 M2 - ¢

The Reynolds number, Ryy, is based either on component iength or
an admissible surface roughness, whichever produces a smaller
value of Reynolds number, as follows:

16




(Ry/ft) - L

RNL = minimum L (L/K)1.0489 (3-4

where

Ry/ft is determined from standard atmospheric tables or
is input.

L is the characteristic length of the component.

K is the admissible surface roughness and is an input
quantity.

and,
Ry = 37.587 + 4.615M + 2.949M° + 4.1320°

For mixed laminar-turbulent flow, transition location is
specified for the upper and lower surfaces of the wing. For the
laminar portion of the flow, the Blasius skin-fricticn relation

cg = 1. 328/\/R (Cf ) (3-5)
i

Laminar

.12
glcg; = (1 + 0.1256M0) 1 45 yged up to

tion point At the transition point, X;, the laminar momentum
thickness is matched by an iterative process to a turbulent:
momentum thickness, which begins some fictitious distance, AX,
ahead of transition. The skin-friction coefficient for the
turbulent part of the flow is calculated from Equation 3-3,
where the Reynolds number is calculated from

3]
>
t
1
]
(")

T [ o = -
43 (S8

RN, = AX + L - Xp) - (RN/£ft) (3-6)
The value of Cf with transition is finally given by
L-Xr
Cf = I + S ~) CfTurb. (3-7)

Calculated values of Cf versus Ry, are presented in Figures 2
through 7 for mixed laminar-turbulent flow.

3.1.2 Form Factors

The component form factors, FF, account for the iuncreased
skin friction caused by the supervelocities of the flow over

17
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the body or surface and the boundary-layer separation at the
trailing edge. The form factor for the 'body" component is
computed as k

FF = 1 + 60/FR> + 0.0025 * FR (3-8)

where
- Component Length
VWidth x Height

FR

For "nacelle" components, the form factor is given by
FF = 1 + 0.35/FR (3-9)

Equations 3-8 and 3-9 were obtained from the Convair Aerospace
Handbook (Reference 4) and also appear in the DATCOM (Reference 2).

The airfoil form factors depend upon airfoil type and stream-

wise thickness ratio. For 6-series airfoils, the form factor is
given by

FF = 1 + 1.44(t/c) + 2(t/c)? (3-10)
For 4-digit airfoils, the form factor is given by
FF = 1 + 1.68(t/c) + 3(t/c)? (3-11)

For bicenvex airfoils, the form factor is given by

FF = 1 + 1.2(t/c) + 100(t/c)* (3-12)

A

And for supercritical airfoils, the form factor is given by
FF = 1 + KiCyy + 1.44(t/c) + 2(t/c)? (3-13)

The factor KjC14q in Equation 3-13 is an empirical relationship
which shifts the 6-series form-factor equation to account for
the increased supervelocities caused by the supercritical-
section design camber Cy4. The factor K} (derived f 'om experi-
mental data) 1is shown plotted in Figure 8 as a function of the
Mach number relative to the wing Mach critical. Equations 3-10
and 3-11 were obtained from informal discussions with NASA/LRC
personnel; Fquation 3-12 appears in both the DATCOM and the
Convair Handbook.
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3.1.3 Interference Factors

The component interference factors, IF, account for the
mutual interference between components. For the fuselage, the
interference factor is given by

IF = Ry.p (3-14)

where Ry.p is shown plotted in Figure 9 as a function of fuse-
lage Reynoclds number and Mach. For other bodies such as stores,
canopies, landing gear fairings, and engine nacelles, the inter-
ference factor would be an input factor based on experimental
experiences with similar configurations. The Convair Aerospace
Handbook (Reference 4) recommends using

IF = 1.0 for nacelles and stores mounted out of
the local velocity field of the wing

IF =~ 1.25 for stores mounted symmetrically on
the wing tip

IF = 1.3 for nacelles and stores if mounted in
moderate proximity of the wing

IF = 1.5 for nacelles and stores mounted fiush
to the wing or fuselage.

The interference factor for the main wing i8 computed as

where Ry.p 18 the wing-body interference factor presented in
Equation 3-14, and Rpg is the lifting surface interference
factor pregented in Figure 10, For supercritical wings the
wing interference factor is set equal to one. Other airfoil
surfaces such as horizontal or vertical tails use an interfer-
ence factor determined by

where Hf is the hinge factor obtained from input (use Hg =~ 1.0
for an all movable surface, 1.1 if the surface has a flap for

control). The factors Ry_pg and Ryg are plotted in Reference 3
and also appear in the DATCOM.
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3.2 C{amber Drag

The minimum drag contribution of the wing twist and camber
is related to the lift coefficient of the polar displacement,
ACL, by the equation

- £ 2 -
CDcamper ™ T-e KACL (3-17)

This increment is called camber drag and represents a drag incre-
ment between minimum profile drag and Cpyyy- The span efficiency
value, e, 18 related to the induced drag factor, K, by the equa-
tion

1
CT T AR - K
If, for some reason, e 2 1, an alternate equation, obtained from
Reference 4, is used:

2
Choayprr = ©-7 (ACL) -§§§§§§9 (3-18)
3.3 Base Drag

Data presented in Reference 5 were used to establish equa-
tions from which the base drag of bodies could be determined.
The trends of these data show three different phases: (1) a
gradual rise of Cppgge at transonic speeds up to M = 1, (2) a
relatively constant drag level supersonically up to about M =
1.8, and (3) a steadily decreasing value of drag above M = 1.8.

The resulting empirical equations are given as

U‘

S
(0.1 + 0.122248) =248 y ¢ 3
SRef

CDpage = < 0.2222Spage/SRef 1.0 CM £ 1.8 (3-19)

1.42Sp.00/Speg) /(3.15 + M2), M > 1.8
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3.4 Wave Drag

Supersonic wave drag is determined on the basis of a compo-
nent buildup for which simplified shapes are assumed. Three
basic simplified shapes are used to represent the airplane:
bodies, nacelles, and wings. The component buildup assumes
that the total wave drag is the sum of the isolated wave drag
of each component and does not allow for the mutual interfer-
ence between components. However, the component-buildup method i
does give wave-drag resuits comparable to average configurations !
which have some degree of favorable and unfavorable interference. i

3.4.1 Wing Wave Drag

The technique used to estimate wing wave drag evolved from
a method that applies transonic similarity theory to straight
wings. Data correlations at Mach 1 were performed on a large
aumber of unswept wing configurations with blunt and sharp
leading-edge airfoils. For the Large Aircraft program, these
results were represented by an analytical function common to
both types. The equations were then modified for M > 1 to pro-
duce a peak value at low supersonic epeeds and then to decrease
at high Mach numbers to values predicted by straight-wing linear
theory for equivalent two-dimensional configurations. ¥Finally,
sweep effects were included. The resulting semi-empirical equa-
tions are presented below:

db - ZKtFWKch
~ 1/ ARe3
BRpKy - (Fg)™ + [ = o
[ 1+engd 1+ iR 3B

2/ARe3

1
. Je Y 7
1H(F R B 1+3AR

+

(3-20)
Brpk, %(Fg)™ +

where

ép = CD/(t/c)S/3

Ky = airfoil thickness distribution factor

. 1 X, 14%0 72 1% X, 2
1*‘*[7-?“*'2' r>] 'z‘fr -3
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Kps K> airfoil factors

Ky,
Kp

X¢
o

Ko

Z

ﬁlim

and where Aﬁe is the straight-wing Akvhaving the same value of
5/3 at M = 1.0 as ik 173.

Cp/ (t/c)

The value of Aﬁe is determingd by solving the following

1.0, K, = 1.2 for double-wedge sections
1.069, K, = 1.0 for curved-type sections

location of section maximum y ordinate
section leading-edge radius

airfoil camber factor

1+ %(h/t)2

section camber (maximum y ordinate)

1/2 .2 _ 2
cosALE +(Ilfxyz(tan ALE - tan‘Agg)

2

(1+)2)

173
<+
0.3 +0.7 Kp(l 28

2

= 3/(#:/0)1/3 = ‘/Mz-ll(t/C)U3

14+ 22(2-03
2R (B

1+ A2(2-))°
2

CO SALE +. co SATE

= ltanALEi

, where AR = AR(t/c)

equation by use of an iterative method:

2 3.33 2 3.33

+ - +
2+ a3 331+1 Lo+ a3 -:_2-3-+1
e ARg AR AR
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The 7erm im represents the approximste value of /9 at which
CD/(t/c)5 3 will maximize, provided the body is essentially
cylindrical where the wing 1s attached. If the body is aréa-

ruled, the peak value of CD/(t/c)5 3 may or may not be closely
approximated.

3.4.2 Body Wave Drag

The fuselage body wave drag is computéd by dividing the
body into two parts, consisting of a simplified pointed nose and
a simplified boattail. That is,

A A
MAX MAX
C = C ¢ =4 C . 22 3-21
Dypopy Dpy  SReF DPBT * Sggr ( )

Nose, wave drag, CDPN, is determined from Linnell's empirical
equation :

1.2 + 1.15(B/ V £5241)
(£42+1)Cpp,, = (3-22)
L+ 1.9(B/ V £¢°+1)

for the supersonic wave drag of parabolic noses (Reference 6).

For Mach numbers between 1.2 and 1.0, the nose wave drag is
determined from the curves of Figure 11, which were derived from
the transonic drag rise of ogive noses, as presented in Figure
I11.B.10-9 of Reference 4, and using Equation 3-22 as a supersonic
limit. The nose fineness ratio, fN, is calculated from the nose
length, fy, and the maximum cross-sectional area, AMAX, as

tn =4l VG Aygay

Boattail wave drag, Cp pT> 1s determined as a function of
boattail fineness ratio (fo, base diameter to maximum diameter
(dg/d), and Mach number. This is done by computing Cpppr at
five values of (dg/d) and interpolating to the desired value.
The general form of these equations is given below:
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dg(1)
d ]

| For P/fy €1 and dp/d =

Cppgr(1) = -f?[AO(I)hq (1) P/ EgtAy (1) - (B £5) 2 +A3 (1) - (B £p)3

(3-23)
§ For ﬁ/fN >1 9
{
Cppgp(D) = ;% 84 (1) - (En/f) (3-24)
B

' The polynominal coefficients of Equations 3-23 and 3-.4,
determined from a leasc-square fit of Fig. III.B.10-9 of Refer- 3
ence 4 for ogive boattails, are tabulated below: '

I dg/d A, A Ay A3 Ay |
1 0o 1.165 -0.5112 -G.5372  0.3964 0.513 i
2 0.4 1.067 -1.709 1.6632 -0.686  0.3352

3 0.6 0.7346 -1.4618  1.5795 -0.6542 0.198

& 0.8 0.2555 -0.5008  0.5024  -0,2077 0.0494 -
5 1.0 0 0 0 0 0 ]

3.4.3 Nacelle Wave Drag

The nacelle wave drag is calculated by a method similar to j
that used for the fuselage:

AMAX
C = (Cpnay + Cpppe) ©

.7 nnm [ —
"Nac iy roi “YKE¥

(3-25)

e s

T

The equation used to calculate CDON for open-nose bodies is

e b gt A+ e e " G T A FT T YR TEATY TaT | N  T g e

Cooy = [}1 - rIN/R)/fNT‘S/@% (3-26)

where

Trneer T Y Amner 7
R - \tAMAx/ Va4

This equation is a curve fit of Figure III.R.10-6 cf Reference 4.
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3.5 Fuselage Aft-End UpBweep Drag

The main parameters affecting the fuselage aft-end upsweep
drag are the upsweep angle and the crossflow drag coefficient
of the rear fuselage sections in the local flow, including modi-
fication by wing downwash. Data in Reference 7 indicate that the
afterbody drag increases rapidly with upsweep angle B, but decreases
with increasing fuselage angle of attack. The curves in Figure 12,
obtained from the data presented in Reference 7, are used to predict
aft-end drag as a functioa of angle of attack.

3.6 Miscellaneous Drag Items

In the preliminary design stage of aircraft drag estimaticn,
the drag due to surface irregularities such as gaps and mismatches,
fasteners, small protuberances, and leakage due to pressurization
are estimated by adding & miscellanecus drag increment which would
be some percentage of the total friction, form,and interference
drags. The miscellaneous drag varies between 10 and 20 percent of
the total friction, form,and interference drags for typical air-
craft. The Large Aircraft program computes miscellaneous drag by
use of a percentage factor specified as input to the program.
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4. DRAG DUE TO LIFT

The Large Alrcraft program predicts drag due to 1lift by one
of several methods, depending on the aerodynamic conditions at
which a solution is desired. The various regions are illustrated

in Figure 13; they are discussed in the following subsections in
the numerical order shown in the figure.

CLeb

N

Mep, M1 M2
MACH N. MBER

Figure 13 Lift and Speed Regions for Calculation of
Drag Due to Lift

4,1 Subsonic Polar Prediction below Polay Break

Region 1 18 bounded by the critical Mach number and by the
Cr, at which the polar break cccurs (Cr,.). In this subsonic,
low-11ft region, the drag due te li.t ggn be determined frow
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CDL = K(CL -ACL)Z (4-1)
where the drag due to lift factor, K, is predicted from

- 1-R R .

K CL, + FAR eg (4-2)

In this equation, a leading-edge suction parameter R, is used to
relate K to the lower bound of drag, 1/mAR, for full leading-

edge suction (R=1.0) and to the upper bound of drag, 1/C_, for
zero leading-edge suction. Body effects are accounted for in
Equation 4-2 by computing ey, shown plotted in Figure 14 as a
function of taper ratio and body-diameter-to-span ratio (d/b).

The correlation of leading-edge suction on induced drag was
first developed by Frost (Reference 8) and was later extended
for additional planform effects and highk«: subsonic Mach numbers

.(Reference 9). A study by NASA (Reference 10) showed that air-

foil camber, conical camber, sharp leading edges, leading-edge
flaps, Reynolds number, and sweep have significant effects on
the suction parameter. H. John (Reference 11) improved the
correlation of R for plane wings at low Reynolds number by in-
cluding airfoil thickness along with leading-edge radius.

The procedure followed in the Large Aircraft program to
determine R is as follows:

1. Using the leading-edge radius and the leading-edge
sweep for each wing panel, determine {} from the
equation

-3 " 2 . _ o
s RNLER x10 COtALE 1-M COS%I.E’ ALE »} 20

n -
[ X3

(4-3)
-3 2 :
(RNLER x1073(5-6.511/ ) y L-MPcosA g ALg < 20°

(ALE in radians)

The switch from the cotangent term is made to prevent
1from going to infinity as sweep approaches zero.

The value of {2 is then used to read Ry frem Figure
15, which is a plot of leading-edge suction for thin,
round-nose, uncambered airfoils developed in Refer-
ence 9.
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Using the leading-edge sweep of the wing panel,
determine RMIN from Figure 16. The plot of
Figure 16 was obtained from the results reported
in Reference 10 for sharp-leading-edge wings. The
leading-edge~suction value for siharp-leading-edge
wings 1s independent of Reynolds and Mack numbers.

If the value of RT determined from step (1) 1is less
than the value of RMIN determined from step (2), set
Rt equal to RMIN-

Using the wing panel thickness and leading-edge
radius Reynolds nuwmber, determine a thickness cor-
rection to leading-edge suction, Ry, from Figure

17. Figure 17 was determined from the data presented
in Reference 11. The increment in suction parameter
ARp i3 then added to the value of Rt determined from
step (3).

Determine the effect of either section camber or
conical wing camber on the R factor from

H -

Ri = Ry + (0.824-Ryp)-(Cp +C; )

A IQ 6 (!1'1'
Ld “Leon

1f Ry > 0.874, Ry = 0.874.

Correlation with experimentai data and the results
of Reference 10 indicate that R does not decrease
as much for low Reynolds number when the wing is
cambered compared to an uncambered wing.

The accompanying sketch - SéEEERED

shows the relative effect n W -
that Equation 4-4 will -

predict for cambered

wings.

UNCAMBERED
WING

KNLER
Obtain the effective R for the composite wing
from a span-weighted average of the individual
Ry for each panel as fcllows:
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Figure 17 Effect of Reynolds Number and Thickness on
the Leading-Edge Suction Factor :
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-— W(i+l) - YW({i)
R = ;Ej Ri * =672 = d/2)

where YW(i+l) - YW(i) is the width of the ith panel.

7. Using Figure 18 and the parameter AR * A/cosALE, calcu- ¥
late the effect of wing planfcrm on R. The increment AR 3
due to planform is then added to K, determined from step |
{6), to cbtain the final R value used in Equation 4-2. !

The polar displacement, AC;, 1s related to the 1ift coeffi- 4
cient for minimum profile drag, CLgpy, by the equation b

- (1l - i
acL = (1 -z % CLlopr

The 1lift coefficient for minimum profile drag is related to the

camber, twist, and asymmetry of the configuration. Figures 19 ¥
and 20 present data (Reference]B) for the effect of NACA camber

and comical camber

en vh For uuycsuLLLLbuL w;ugu, the
limited amount of data av§$1ab1e for correlation indicate that

0.75
= 0.5195(CL,)

CLopr (4-5)

where CLy 1s the wing section design lift coefficient.

4.2 Supersonic Pclar Prediction below Polar Break

: The drag polar in the supersonic region beyond the second
limit Mach number below polar break (Region 2) is predicted by
Equation 4-1, where
1-R R
- + -
K=CL = 7R e, (4-6)

This equation is similar to Equation 4-2 for the subsonic induced-
drag factor except for the use of R, which is a transonic leading-

edge suction factor. For Mach numbers greater than Mach critical,
E the suction factor is predicted from

R = Ro/(1 + naM + (nAM)?) (4-7)
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Figure 18 Effect of Wing Planform on Lead ng~Edge
Suction
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where R, = leading-edge suction factor at the critical
Mach number at zero lift, MCRO

n = 12(cosAyp) 10
AM = M - MCRO

The variation of (ﬁyRo) for Mach numbers greater than is
shown in Figure 21. This method of predicting polar shape factor
produces a continuous decrease in leading-edge suction so that

in the limit, as the Mach number approaches the sonic leading-edge
condition,the polar shape approaches (1/CL‘).

The supersonic polar displacement for NACA camber is calcu-
lated from

Cpy(0-25-0.225BcotArp); feothrg < 1.11

ACy, = (4-8)
0; feotfyp ¥ 1.11

and the supersonic polar displacement for conical camber is
calculated from

CLoon(0-111-0.1fcotdyg); Beotfry £ 1.11

ACy = (4-9)

0; Peothyy ¥ 1.11

These equations were obtained from a simple curve fit of the
data presented in Figures 94 through 97 of Reference 13.

4.3 Transonic Polar Prediction

In the transonic region bounded by Mach critical (MSR) and
the first limit Mach number (Mpi) (Region 3), the induced drag
is computed by adding drag rise to the basic polar:

Cpy, = K(Cy, - Acp)? + CpR,p (4-10)

The basic polar shape is calculated up to in the same manner
as described for Region 1. Beyond Mgr , the basic polar does not
change. An incremental drag-rise term (CDRCI) is calculated as a
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i function of lift and is added to the basic poiar to determine
the total drag due to lift. A complete description of the

techniques used to determine the drag-rise increment is given
E in Subsection 5.3.

In the transonic region above the first limit Mach number,
Mp1 (Region 4), the drag-rise term in Equation 4-10 hecomes less
accurate. Therefore, the drag polar in Region 4 is calculated
by interpolation between the polar shape factors calculated in ;
Regions 3 and 2. The equations for K and ACy, are given by ‘

1
: ;}
1

M-M 3

K=& + (K2 - K1) —Ll (4-11) :

Mp2-Mp1 ;

: Ve , ;
; - 1 ?
i s 2z K - ———— {~ H
: Acy, ACLLI_ + (ACLLZ ACLLI) W5 M (4-12) :

Rl e P

where My; < M < M ,. The polar shape factors, Ky; and Cyyq,
are determined from a least-square curve fit of the polar shape
computed by Equation 4-10 at Mpj. The polar shape factors Ky
and Cp,, are computed from Equations 4-6 and 4-8 at M.
The 1limit Mach numbers are deterwined from

If M1 < 0.95, then Myy = 0.95 .
If Mpy > 1.0C, then Mp; = 1.0

y ‘ M2 = M + 0.15

4.4 Subsonic Polar Prediction above Polar Break

The polar region between the polar-b.eak lift coefficient

: (CLPB) and the initial-stall 1lift coefficient (CLDB) is the
4 ' region in which leading-edge separation and reattachment occurs,

' causing the polar tvo deviate from a parabolic shape (Region 5
in Figure 13), Whether or not this region exists (i.e., the flow
reattaches after separation and allows the wing to reach a higher
1ift coefficient before final separation occurs at the trailing
edge) is de_erminel by the type of airfoil, tbe Reynclds number, and
the leading-edge wing sweep. For thin wings, lsw Reviolds numbers,
or highly swept wings, the values of Ty and {Lpp are equal.
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Leading-edge sharpness is a measure of the type of separation

ikely to cccur. Blunt, thick airfoile generally exhibit trailing-
edge separatior, while very thin airfoils exhibit leading-edge
separation. Airfoils of moderate thicknese are likely to separate
and reattach at the leading edge, followed by trailing-edge sepa-
ration (stall) at higher 1lift coefficients. Associated with the
leading-edge separation and reattachment is a loss in leading-edge
suction, which produces an increase in drag due to lift. Above
CLpg: the flow separates completely along the wing and the drag
increases more rapidly.

The prediction method in the Large Aircraft program utilizes
the sharpness parameter of the airfoll, Ay, as defined in Equation
2-28. If Ay is less than or equal to 1.65, leading-edge flow
separation is assumed to occur. Also, if the leading-edge sweep
is greater than or equal to 50 degrees, it is assumed that lead-
ing-edge separation occurs. If Ay is greater than 2.05, a lead-
ing-edge separation and reattachment occurs, followed by a trail-
ing-edge separation. For values of Ay between 1.65 and 2.05, a
transitlion region existe in which the behavior varies between
the condition of full leading-edge separation at Ay = 1.65 and
full leading-edge flow reattachment at Ay = 2.05.

Beczuse the polar-break 1ift coefficient is a function of
many variables, it has proved to be g difficult quantity to
predict. Data correlacions at subsonic and transonic speeds
performed during the development of the Large Aircraft program
indicate that the polar-break point can better be determined
with angle of attack as the parameter rather than 1ift coeffi-
cient. These correlations resulted in a method that determines
the angle of attack at poiar break as a function of Mach number,
Ay, sweep angle, and wing camber. Consequently, the polar break,
CLs 1is caiculated as

where (Oppy/cosflc/4) is shown plotted in Figure 22 as a function
of Ay and M cosA./4. The term Alpp accounts for section camber
and is deteruwined from

. Cld
AaPB = (12.05-4.1 M COSAC/A)(COS;[(:/l&)

which was derived principally from correlating the experimental
data in Rerference 1Z. Lor wings with econical camber, an incre-
ment in CLPB is obtained from ¥Figure 23.
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The drag due to lift is expressed inm Reglon 5 as
Cpp = K(CL-80)2 + K (0p-Crpp)? (4-14)
CLpp < €L < CLpp
where K' = 0.518// AR (Reference 1).

The upper bouidary of Region 5 represents the lift coeffi-
cient at which trailing-edge separation occurs. It is predicted
as

o,
Clpp = CLpg + T [RNg * Gy - dcL]

" where

0 ; Ay £ 1.65
T = Ay - 1.65)/0.4; 1.65 <Ay < 2.05
1.0 i Ay > 2.05

<

and (8CL/BRYN) and 8Cp, are shown plotted in Figures 24 and 25.

The drag polar above Crpp (Region 6 in Figure 13) increases
sharply from the subsonic attached-flow condition. The polar
prediction for lift coefficients above CLpg is determined by a
modification of the empirical method presented in Reference 13
whereby

2
CDL = CDDB + KpCr,~ + 4Cpp {4-15)
CL >C
DB

where Cppp is the predicted lift dependent portion of profile
drag at Crpp, KpCLZ is the theoretical induced drag, and ACpg
is 4 correlated separation drag increment obtained as a function
of Cipp- The lift dependent prcfile drag at Cppg is given by

2

]
' A 2 o o
Cppp = K(CLpg-ACL) “#K' (CLpp-Crpp) ~KpCLpp (4-16)

where the thecretical induced drag factor, Kp, is predicted from
1

Kp  Far o' (4-17)

where e' is a modification of the classical theoretical
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drag-due-to-1ift factor 1/ WAR to account for nonelliptical span
loadings and body effects. The factor e' is calculated from

et = e [1- (army?] (4-18)

where the wing planform efficiency factor e’ w 18 as plotted in
Figure 26 as a function of taper ratio, sweep, and aspect ratio,
The data of Figure 26 were obtained from a Weissinger lifting-
line solution presented in Reference 13.

The drag above CLpg represents the separation drag component
when major separation e?fects are present. Simon et al, (Refer-
ence 13) measured this drag relative to the profile drag at

the drag-break 1lift coefficient and present correlated curves

of ACpp versus CL, Cy, p» and Mach number. The ACppp data were
curve fitted and resu?t in the equation

2
ACpg = KB(CL"CLDB) +.08 \/KB(CL—CLDB)Z ; CL > CLDB (4-19)

The factor Kg is shown plotted in Figure 27. The program does
not vary Kg with Mach number since the drag-rise term is included
in the polar buildup above Cypg- _

For convencional wings the polar predicted by Equation «-15
is continued up through Cpmax. For low-aspect-ratio or cranked
wings (see Secticn 6) that develop vortex Iift at the higher
lift coeificients, the zero-suction drag polar predicted by

CDL = (L tan & (4-20)

is compared agalinst the drag polar predicted by Equation 4-15
and the drag due to 1lift is set equal to whichever is lowest.
This produces a drag polar as cshown in the sketch below. The
CL-¢1Vdriat10n for vortex lift is predicted by the methods
given in Section 6.
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4.5 Supersonic Polar Prediction Above Polar Break

Supersonic Region 7 above polar break is predicted by the
semi-empirical method developed in Reference 13. The equation

for predicting supersonic drag due to 1lift above polar break is
given by

Cpy = (K-K')(CrLpp- ACLY 4K’ (cp- Acy)?

tl-l

where K and ACj, are the polar parameters in the low-lift region
discussed in Subsection 4.2.

The polar-break 1lift coefficient, CLpp: is correlated as a
function of sweep, aspect ratio, camber, etc. in Reference 13.
A curve fit of the data in Reference 13 results in the following
equatiouns for CLPB’

CLpp = CLsy+1.25(CLsg+ACLSg-CLsy ) (Beothpp--1)+0.5Cy (4-22)

where the factors CLSj, CLsg, and 'ACL89 are shown plotted in Figure
28 as a function of aspect ratio.
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The polar shape factor, K', above CLpp is computed in
Reference 13 &s

H
K' T rm———— -
Crn (4-23)

1.1; ARtanMpg < 3.5

H= (4-24)
1.1 + 0.1(ARtanAjy - 3.5); AR tanjrg >3.5
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5. CRITICAL MACH NUMBER
AND DRAG RISE

The drag-divergence Mach nunber or Mach critical, is defined
as the Mach number at which a rapid drag rise intercepts the sub-
sonic trend In drag. The British method of predicting the critical
Mach number for two-dimensional airfoils (Reference 14 appears to
be the most accurate empirical method available. The British
method uses the Sinnott "crest criteria'" ,where the low-speed
pressure at the airfoil crest is related to the drag-divergence
Mach number.

The Large Aircraft program uses & method analogous to the
British two-dimensional critical Mach number prediction procedure
in order to predict the critical Mich number for a finaite-aspect-
ratio swept wing. The critical Mach number is defined as the
value oS freestream Mach number which produces a local supersonic
flow measured normal to the sweep of the isobar at the crest.

The local Mach number normal to the crest isobar is taken to be
1.02 for conventional airfoils and 1.05 for supercritical airfoils
in order tc define freestream critical Mach number. The sonic
condition at the crest can be predicted by means of a simple
equation in which the incompressible pressure at the crest of

the airfoil and cowpressibility factors are used.

The value of 1.02 local Mach number for the weak shock at
crest condition for drag rise used in Sinnoi:'s transonic air-
foil theory (Reference 15) was established empirically. Refer-
ence 14 shows that this method should predict Mcr to within
+0.015 for the majority of conventional two-dimensional airfoils.
However, as shown in Reference 14, with "peaky' airfoils (as in
the supercritical airfoil) the onset of rapid drag rise may be
delaved until the shock is substantially downstream of the crest.
The predicted value of McR based on a local Mach of 1,02 at the
crest may thus be conservative by more than 0.02,and a local
Mach of 1.05 is necessary to achieve good correlation.

The following subsections discuss the methods used to
predict the pressure distribution around an airfoil and to

determine from the pressure at the crest along with the
method used to estimate the drag rise above Mcg.
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5.1 Pressure Coefficient Calculations

The incompressible, inviscid pressure distribution around
y the airfoll is first defined, from which the pressure at the
crest can be determined. The method of Weber (Reference 16)
was used for the pressure distcibution calculatiouns. This
method requires the airfoil surface coordinates to be deter-
mined at the chordwise locations defined by

V.
N

N may be any integer, but, in this program, N is set equal to 32.

W) = -—(1 + cos where 0¢ V € N (5-1)

The Weber formula is essentially a second-order linear
theory whereby the pressures are determined from multiplication
of the matrix of thickness and camber ordinates of the airfoil
by a matrix of constants given in Reference 16.

PR )

The formula for the incompressible pressure distributioun
i on an infinite sheared wing was obtained frem the incompressible
form of Equation 93 in Reference 16, resulting in

2
1

L . [S(Z)oo * s‘f’)(m]z
cos _A

x(i?osﬁt [jl + S(l)(X)cole 1 3(4)(X)C08Jé]

2
x)*/

X ; 3
i{;osoL [é(l)(X)sinj[ + S(a)(X)sinJ\]

. _ S gX)) 1- X g
+ sino¢ sin A1 + cos A S JZ )

+ sin%/tcoszoz{i

e A S——

1-Cp

3
+ sino co.,_/'\.qgl + s )Lx)z\/]

COS /L 4

-

- (5-2) 1 ]
1*‘[5(2)(""“'35\5)@‘?7 : Y
cos A ] LR




ot oy an e L

¥or C, or the uppei surface the + is used, and for the lower-

surface Cp the - is used. Also,
N-1
1 1
s )(X) = S(/a),y Zt/,&.
p=l

N-1

(2) on o E (2)

> (X) = ] ) Z
=1 M Cp-

N-1
sOVxy = Ss0Cly 2
N Ly ~
n=1
Tables of the S‘ .241) matrices of constants are given in Reference
16 . Z¢, and Z,,  are the thickness and camber distribution
at the control point 4 given by
i
Lt = 2'(}’44_ +ye)
and

Zoy =5y - 32

where y.. and y, are the upper-and lower-surface ordinates
cdefined &t the control point 4¢ given by

¥(p) = % (1 + cos‘f;ﬂ)
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5.2 Critical Mach Number Calculation from
Crestline Pressure

The procedure followed to determine M-p for swept winge is
similar toc the procedure outlined in Reference 14 to predict
‘ the Mcg for two-dimensional sections. In the procedure, Equa-
tion 5-2 is used to compute the pressure distribution around .
the girfoil at a sweep angle determined from

1 o am— o

| arcos(coadc/z)n;/\c/z < 40°

A = (cosA ;) +.76604"
arcos [ c/2 5 } ;/\c/z > 40°

(5-3)

whereA /7 is the wing mid-chord sweep at the semi-span of the
wing and the factor n is determined from

n= AR
T.4+AR

The sweep anglc/\ represents an effective isobar sweep at the
mid-span region of the wing as affected by the root and tip
regions of the wing. The procedure used to determine MgR
based on the creset pressures is as follows:

1. Determine a chordwise incompressible, inviscid
pressure distribution for an angle of incidence
(o). Integrate the pressure distribution to
obtain the lift coefficient (CLi)’

2. Determine the chordwise position of the crest
for each o, the crest being defined as the _
point at which the airfoil surface is tangential i
to the undisturbed freestream direction (0 =a). 3

3. Determine the incompressible pressure coeffi-
cient at the crest (Cp_,.q¢) -

4. Use Cp, .o, to determine Mcp from the relation

st
_ (/P (140. 2McgPeos )"0y

CPerest (5-4)

0. 7MCR2/ ‘[1 —MCRZCOS ZJA

where (P/P;) is the ratio of local static pres-
sure to freestream stagnation pressure as ;
determined from |




3.5
P/P = [1 + 0.2M12]

where My is the local Mach number normal to the
isobar sweep A at the crest of the airfoil. M,
is set equal to 1.02 for conventional airfoils
and 1.05 for "peaky'" or supercrxitical airfoils.
Equation 5-4 uses a Prandtl-Glauert compressi-
bility factor to correct the incompressible
pressure coefficient for Mach number rather
than the Karman-Tsien factor used in Reference
14. References 17 and 18 recommend usiug the
Praadtl-Glauert factor instead of the Karman-
Tsien factor in the Mg prediction method for
highly cambered alrfoils or general airfoils at
high-1ift coefficients. The relationship deter-
mined by Equation 5-4 is plotted in Figure 29.

5. Use the Prandtl-Glauert compressibility factor
(Bp) evaluated at Mcg to obtain the lift coef-
ficient Cpp from

Cip = CL;/Fo

6. Repeat Steps 1 through 5 for a set of incidences
in order to obtain a drag-rise boundary from the
set of points (CLD, Mer) -

The c¢ritical Mach number predicted by the above six steps
is prevented from exceeding the critical Mach number of the
fuselage alone (shown plotted in Figure 30). For aircraft
that are not area-ruled, where the isobars are allowed fo
unsweep at the wing-fuselage juncture, the method would tend
to overpredict Mpgp when the value approaches the fuselage Mcg.
The prediction-versus-test Mcr correlation shown in Figure 31
is thus applied for conventional-wing predictions.

3.3 Drag Rise

For Mach numbers less than Mgp the drag increases sluwly
with increasing Mach number. This drag component is known as
comprescible drag, or drag creep. Methodology for estimating
this component of drag for conventional cr supercritical wings
was included in the subsonic drag buildup in Subsection 3.1.
For Mach numbers greater than Mgp, drag rise begins and in-
creases rapidly with Mach. Figure 32 illustrates the drag
bookkeeping system followed in the Large Aircraft program
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whereby beyond Mach 1.¢ the drag rise and the interference plus
form drag are replaced by wave drag. The drag rise is separated
into two components, drag rise due to lifting surfaces and drag
rise due to all other components on the ailrcraft. The drag rise
due to lifting surfaces is represented by

Cpgy, = PL (M-McR)? (5-5)
where

Py, = 25 * (t/c + 2f/c)-(coqAC/2)3

The factor P, is a function of the wing section thickness, t/c,
maximim ordinate of the camber, £/c, and the midchord sweep,
ch/z The total drag rise, at zevo lift, due to lifting and
non-lifting'components is determined by

Cpg, = az(M-MCRO)z + a3(M—MCRO)3 (5-6)

where a2 and a3 are defined to produce a continuous zero-lift
drag curve between Mcp, and Mach 1.0. The drag rise is curve-
fitted to begin at Mgy with zero slope and end at Mach = 1.0,
matching the value and® slope of the wave ~drag curve. The
coefficients a2 and a3 are calculated from

3(Cp - Cp ) - (1 - M XCpH'

Wl F&I 8] Wl
as = 7
(1 - Mg )
. 7 L
(L - Mcry)Ony; - 2(Cyy - CDgg,)
a, = -
3

1 - Mg )’

where Cpyj, CDpg7,and Cnél represent the Mach 1.0 value of the
wave drag, form plus interference dmg, &nd the slope of the
wave drag, respectively. The non-lifting contribution to the
drag rise is assumed to begin at MCR, and not vary with lift;
usiug Equations 5-5 and 5-6, an equation for total drag rise
at any lift condition can be determined from

Cpg = PLOSMeR)” + (82-PL)(M>MCRO)2 + a3(M-M'cn0)3 (5-7)
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The change in Mcg with 1lift causes the subsonic drag polar
to increase after Mcr (see Figure 32). For bookkeeping, the
drag rise is separated into a minimum drag contribution and a
contribution due to 1lift. The increment to the minimum drag is
determined from Equation 5-6, and the increment at lift is
determined by

CDR-CL = Cpg - CDRO (5-8) s




6. LIFT

The untrimmed 1ift of an aircraft can be represented by
the equation

1 CL = CL“ (d- dLO)

‘ For moderate to high aspect ratios and moderate sweeps, the
' 1lift equation is linear with @¢) so that the lift-curve slope

(CL,) is constant. The total lift-curve slope of the aircraft
{ is given by

CL, = (CL )y g + (O + (CL)g (6-1)

which is the sum of the wing (including body carry-over effects),
horizontal tail, and the forward portion of the fuselage.

The following subsections describe the methods by which
CL, and({j, are calculated along with the method of calculating
; the 1lift in the nonlinear range up to CLMAX'

6.1 Wing Lift-Curve Slope

The value of (Cp,.)y_-p is predicted by the use of several
rather involved semi-empirical equations. These equations were
developed to predict wing lift-curve slope as a continuous ex- !
pression in the subsonic, transonic, and supersonic regions.
The value of (CL )y.p 1s expressed as

Ty oy

e D

Corr aar
aufAN

C Re - Ky o o 6-2
Basic © b SREF (6-2)

(CL“)W-B = (Cy,)

where (CLd)Basic is the wing-2lone Cp » with no thickness effects. .
The factors K¢ and Kj account for the effect of airfoil-thickness -
plus camber and fuselage interference, respectively. The equation 5
for (CL.)pasic Was evolved from the Polhamus (Reference 19) equa-

tion for trapezoidal wing .

(-;—Q-)AR/S 7.3
CL.,< = (6-3 ) :
2

2
(3—;’,>+\/(§%)+[1-(Mcoaftc /) 'm%“m)
C
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for subsonic flow and the linear- theory level of

4/57.3

V21

for supersonic flow at the leading edge (M > 1/cosA;g).

CLy = (6-4)

i

To extend the Polhamus equation for use with non-trapezo: dal
wing planforms, Spencer (Reference 20) replaces coch with the
effective cosine mid-chord sweep determined by Equation 2-13.

When Equation 6-3 results were compared with subsonic
experimental data, it was deduced that better agreement would
be achieved if the predicted peak Cp,« were to occur at M < 1.0
(for moderate and high AR) and if the rate of iucrease in (f,

with increasing M were larger. Consequently, Equation 6-3 was
altered to

AR/57.3

(Cr)

- =
Basic

/-,/'2 QI -

[ r R A T
1+\/1+Ll-(cog&c/2)e (ﬁ*) J{ 2(cosAc/2) l

(6-5)

where the sectional lift-curve slope a, equals 2, and M* is
the limiting M for the application of Equation 6-5. M* is a
function of AR and A /2 and is defined by

r 72
= My* + (1-Mb*)l_l-(cosﬁc/2)ej (6-6)

where
M* = (10 + 0.91aR%) /(10 + ar’)

In effect, M*¥ is the Mach number at which the rate of increase

in Cp w1th M begins to decrease. Note that, at M=0, Equations
6-3 and 6-5 are identical. However, it was also found desirable
(for improved correlation) to limit (cosAc/2), to the range

0.94 2 cosfe/2 > 0. Thus, in applying Equation 6-5, sweep angles
of less than 20 degrees are treated as having a value of cosAc/2 =
0.94.
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For thin wings, experimental levele of Cf, . characteristically
reach a peak at speeds somewhat greater than M*. With low sweep
and moderate to high AR, the peak occurs below M=l, while with high
sweep and/or low AR, the peak may be at or above sonic speeds. At .
speeds well above sonic, Cp. then decreases with increasinﬁ M
and, when the leading-edge becomes supersonic (M > coaALE‘ ), the
level approaches the two-dimensional-theory level of Cp_ =
4/(57.3 -1). To emulate these trends, Equation 6-35,was modi-
fied by a factor term and an adder term, each to be applied only
at M > M*x, These new terms are included in the modified equa-
tion:

1/57.3Z .M MK (6-7)

* :
(L/CLe) GG ) =+ 874 7

F o i
(“L“)Basic

where Cp_ is defined as (CL.)pygic @t M = M* in ridians, and

B' = (M-M¥) [1 + (M*,’M)Y] ’

1+7AR 2
Y=g (20 23V -2
and
AR
Z = M¥Crp, +
2/3
MAR , TTAR
3 ( -1)(cos )

CLo CLgb de/2)

Wings having thick airfoils undergo a degradation in Cf, o
beginning at M > M*. The level of C; , versus M dips, usually
reaching a minimum at M < 1.0, and then recovers to a second
peak lavel at M > 1.0. To account for this phenomenon, the basic
CL « equations have been modified by a factor, K, as defined by

3
1- [so,(t-ap] " A s My

3
RKe =4 1- [40,0-6,)] ¥ s 4y <M € (6-8)
1.0 M]3 M) Mg

where ¥, T T2 My, My, M3 are as defined by the equations
below:
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9A(tIC)/(cos_A¢h)e

v - TH5AR[A(t/ )T (Cos Aes2), |

where

A(t/e) = tfc - (t/c)fim

1

(t/c)‘r = (6-9)
im 3/2
4.4AR
(cos;Ac/Z)e
The equation for ¥ is applicable for
0 (-.fliELE%_ < 0.07
~ (coggc/2 e
ARA(t/c) 4

0.10 )
0< (cospe/2) © ! !
If A(t/c),’(ccsiclz)e > 0.07, use 0.07
If ARA(t/c)/(cosAc/Z) > 0.10, use 0.10

e
M-M1
L% (Ma-M1)
M—Mz
ot w2, 3/29 g3 ';

My = 1-2(t/c)(cos 2) [1+ =(Cy ) ] (6-10) 3

c/2¢ AN P AR

My = M + t/c

Note: O .{Ml < Mk

If Ml 7 M*, use M = M*
My = 1.0 + t/c e
The derivation of Equation 6-8 is based on the data trends and !

analyses of Reference 21 and on other limited data (e.g., Refer-
ences 22 and 23). It should be noted that a Cj  "bucket" is
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predicted only 1f the wing streamwise airfoil t/c er.:eds the
limit thickness defined by Equation 5-9. The limit-thickness
3 boundary was established from the statistical boundaries pre-
H sented in Reference 24.

Another factor in the wing Cp,, prediction equation (Eq. 6 1),
is the fuselage interference factor, defined by

§ Ky = (1 + d/b)(1 - d/b)t (6-11)

| where
5 ¢ o L6+3aR%
: 8+5AR”
b = wing total span

=

d = body toral width at wing junction

The factor Kp accounts for the change in wing 1ift due to the
body segment which enshrouds the wing and to the wing-induced
lift on that body segment. Based on semi-empirical derivations
presented in Reference 25, Kp is independent (to the first order)
cf M. It is noted that the toital 1lift of a wing/body configura-
tion is derived by adding the body-alone lift to that obtained
for the wing-alone as modified by the factor Kp-

Application of Equations 6-2, 6-5, 6-7, 6-8, and 6-11,
for the prediction of (Cr,)y.p will yleld trends as sketched
in Figure 33. It is noted that the technique is strongly
dependent on the value of (t/c) in the transonic speed regime
if (t/c¢) exceeds the limiting value defined in Equation 6-9.

Substantiation of the Cy, prediction technique described

above in the form of compatlsons with a wide range of experi-
mental data is presented in References 1 and 26. The :
derivation of CL_ for Mach numbersgreater than M*, presented in i
original Reference 26, relied heavily on transonic-bump test data, ;
which characteristically produces a trend such as shown in §
Figure 33. The new derivation (Equation 6-7) relies on sting-mounted :
test data, which produces a less abrupt transition in x
§ (dCy,/dM) in the transonic region. E
A

6.2 Supercritical Wing Lift-Curve Slope

The wing lift-curve slope technique described above in
Section 6.1 would underpredict Cj . when compared against
supercritical wing data. In a study of the factors affecting
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lift, it was concluded that the reason Cj was being under-
predicted is due primarily to the thickness correction

factor, Ky (Equation 6-8), and the incomprecsible sectional
lift-curve slope, a, (Equation 6-3).

For supercritical wings, the onset of the lift diver-
gence Mach number, Mj, is delayed to a higher value as com-
pared to conventional wings. For supercritical wings, the

factors My, My, and ¥ in Equation 6-8 are modified as
follows:

= + 0.09
(Ml)scw (Ml)CONV 0.0
M = (M + 0.045
M2 oo = M2) oy
(M3-M1) gy

Msew = eony - (57 oy

This modification delays the thickness correction factor to

a higher Mach number and also decreases the extent by which
R, is reduced at M,.

Supercritical wings have a higher sectional 1lift-curve
slope compared with conventional wings. The program uses

a5 _ 1.174 t/c
ﬂ'— 1 + —=

Vi1

for supercritical wings in place of a,/2% = 1 for conventional

1t e
WALIED o

6.3 Tail Lift-Curve Slope

The lift-curve slope of the horizontal tail can be
estimated from the equation

T a€, 9¢ St
(Crdp = CLy{Rueny*an | (- 30 3 5o (6-13)

where (CL;‘)T is the exposed-area lift-curve estimate for the
tail; KW(B) and Kg¢y) are the Pitts, Nelson, and Kaattari body-~-
1lift carry-over factors (Reference 27); 8€ /3K is the downwash
gradient; q¢/q, is the dynamic pressure ratio; and St is the
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exposed tail area. The exposed-area lift-curve for the tail is
estimated by use of the exposed planform of the tail and the
me thod described in Section 6.1.

6.3.1 Downwash at the Tail

An empirical metchod of estimating the low-speed downwash
gradient behind straight-tapered wings is given in the DATCOM by

(a?a‘-)o = 4.4 [KAKAKH(cos_Ac/l,)}f] e - (6-14)

The factors K,. K,, and Ky are wing aspect ratio, wing taper
ratio, and horizontal-tail-location factors, respectively,
determined from

Ky = 1/AR - 1/(1+aR1"7)
K= 10;3;\
and
KH = (1'ht/b)
(24 1ty 3

where AR and Aare the wing aspect and taper ratios, respectively,
hy is the height of the tail relative to the wing chord plane and
{t' is the distance between the exposed MAC of the wing and the
exposed MAC of the tail. At higher speeds the effect of compres-
sibiiity on downwash is approximated by

3¢ ('ae) (CL)u
2 o

- (Z '(C_L:T; (6-15)

where (Cr,), and (Cp )y are the wing lift-curve slopes at low
speed (M=O.T) and at the appronriate Mach number, respectively.
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6.3.2 Dynamic Pressure at the Tail

The method for estiwating the dynamic-pressure qt¢/q ., at
the tail is based on the DATCOM method which relates the
d mamic-pressure ratio to the drag coefficient of the wing.
The steps involved in determining thie dynamic pressure at some

distance aft of the wing root chord, outlined in Section 4.4.1
of the DATCOM report, are as follows

1. Calculate the half-width of the wing wake by

Zy

= 0.68 \[CDo (g + 0.15) (6-16)

[ S

where x i® the longitudii::l1 distance measured
from the wing=-root-chord twrailing edge, Z, is
the half-width of the wake at any position x,
and CDo is the wing zero-1ift drag ccefficient.

2, Calculate the downwash i1 the plane of symmetry
at the vortex sheet by

€ = 5oz (CLy2) (6-17)

i
!

3. Determine the vertical distance Z from the 3
vortex sheet to the quarter-chord point of ]
the MAC of the horizontal tail by

Z=x tan (Y+ € - 2) (6-18)
where ¥ = tan~! (ht[[t).

4. Determine the dynamic-pressure-loss ratio at
the wake center by

Aq,  2.42(cp)L/2
&9 -

(6-19)
(z + 0.3)

5. Determine the dynamic-pressure-loss ratio for
points not on the wake centerline by
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Ly

A 2,7 2 ‘
;3 - (‘—;ﬂ)o cos (7 52) (6-20)

1 6. Determine the dynamic pressure ratio at an
] arbitrary distance x aft of the wing-rcot-
chord trailing edge by

v _, A (6-21)

6.4 Body Lift-Curve Slope

As shown in Reference 28, the linearized lift-curve slope
for a body can be expressed as

1/3 F

C =
(CLy SRef

where L is the body length, Ly is the forebody length, F is the
body cross-sectional area, and kj is a linear-potential lift-
curve-slope parameter. The factor kj (a function of body width
b, body height, h, and the perimeter of an elliptical body with
equal area, p) is determined from the curve given in Figure 34,
which is taken from Reference 28.

kp ) {6-22)

6.5 Angle of Attack at Zero Lift

The angle of attack at zero lift, Op,, is determined from

o = (O + (& + (o -2
Lo = ©Lo) cuppr ¥ @Lodpyrst * @Lod rncipENcE (6-23)
The effect of camber, Cry onay, is calculated from

aay,
(©4) ° (6-24)

= (zm—/) CL
C N
CAMBER o 0, d

where (6aLo/6q[ ) is shown plotted in Figure 35, which is obtained
from two-dimenslonal data.

The increment in oy, due to wing twist, v, is calculated
from

ddip
- (FEDT (6-25)

ol =
( LO)TWIST
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where 9%, /d7T = 0.093 - 0.00"571Aa + 0.5761A - 0.26458 and
Ap= tan-1(tand,/4/B) (deg) The equation for (3xXyo/3% ) was
obtained from a curve fit of the parametric data reported by

Gilman and Rurdges (Reference 29) for wings with linear-element
twist.

The angle of attack in the program is measured relative
to the wing root-chord reference plare. For variable-sweep
configurations the angle of attack for any sweep position is
measured from the wing chord plane in the forward sweep posi-
tion. The increment in {y, due to wing and horizontal tzil
incidence is calculated from

(C1.) Y(iw) + (CL“) (1y-1i¢)

BOD TAIL
(24 = -
®10) 1ncipENcE ("
+ (ly=ggep) (6-26)
where
Kg(w)
Lb‘- BODY Iu .vOSE “W(B) lL\B(w) ~~ WeD

When M > 1, the contribution of camber and twist to o

is set equal to zero and only the incidence effect is continued
supersonically.

6.6 Nonlinear Lift of Hipgh-Aspect-Ratioc Wings

The 1ift characteristics
of a high-aspect-ratio wing
is illustrated in the sketch. CL}
A high aspect ratio is defined CLMAX>_
as AR? ARjpoy, where ARjqy is -
defined in Section 6.9 (Equa-
tion 6-37). The lift varies
linearly with angle of attack
up to Cpg, after which the
1ifg variation becomes non«linear,
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The angle of attack for a specified lift coefficient is
calculated from

oL = —I: + o1, + Ao (6-27)

where

0; CL ¢ CLg or M > 1.0
= oLls R x 6-28
AX CLmax-CLS ’ AO(max’ Ls L Cp ¢ Lmax (6-28)

_.EELEE§. ‘A +5% ¢ >C
CLyax CLs O max > YL 7 “Llmax

and CLg = Cpr, (o= oo - 200¢ )

The prediction of Crp,x and Aodmax for high-asPect ratio wings
is discussed in Section 6.9.

6.7 Nonlinear Lift of Low-Aspect-Ratio Wings

The subsonic charac-

teristic of a low-aspect- Cy,

racio wing 1s illustrated L.E.
in the sketch. The total G| VORTEX
lift is equal to the po-

tentiai lift plus the vor- TIP

tex~induced 1lift from the
leading edze and tip of
the wing. The equation

‘ VORTEX

™7
~~— POTENTTAL
i

Cy,

CLP
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for 1ift can be expressed as
C, = CLP + CLV + CLTV (6-29)

The method of predicting each of these terms is discussed in
the following subsections.

6.7.1 Potential-Flow Lift

The potential-flow 1lift i. determined from
Orp = Kp sinotcos o+ Cp (6-30)

where K, is the lift-curve slope given by small-disturbance !
potential-flow lifting-surface theory, and the trigonometric
terms account for the leading-edge separation effects (Refer-
ence 30). The value of K, is the lift-curve slope (Cr«), con-
verted to radians, obtained from Equation 6-1. The factor Cp,
is the 1lift at zero angle of attack predicted by

CLo = -CL. L,

6.7.2 Leading-Edge Vortex Lift

The leading-edge vortex lift is determined from

CLy = (1-R) - Fyp ° Ky sinoC cose (6-31) g

In this equation, developed in Rererence 31, the sharp-leading-
edge suction analogy of Polhamus is modified to account for
round-leading-edge and vortex-breakdown effects.

In Figure 36 (taken from Reference 36) the theoretical
variation of the vortex lift factor Ky with aspect ratio and
cutout factor is shown. The factor Fypg (shown in Figure 37)
is a vortex-breakdown factor, which was obtained from the
ratio of experimental data to theoretical for sharp-leading-
edge delta wings. The factor R in Equation 6-31 is a lead-
ing-edge suction parameter (Reference 33). For a sharp
leading edge, the suction parameter is near zero; for a
rounded leading edge, the suction parameter is near unity
at low alphas. The variation of R versus o is shown in
Figure 38 as a function of thickness ratio.
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6.7.3 Tip-Vortex Lift

For wings having a tip chord greater than zero, a tip vortex
forms that induces an additional lift contribution on the wing.
At low angles of attack the flow around the wing leading edge and
tip is attached, and a vortex sheet is formed at the trailing edge
(Figure 39a). At slightly higher angles of attack (figure 39b),
the flow possibly will make the turn around the leading edge of i
the wing without separating, but the flow around the tip separates.
In this stage, the flow forms a vortex sheet consisting of a hori-
zontal part originating from the trailing edge and two vertical
sheets attached to it originating from the two sides of the wing.
Kuchemann (Reference 34) noted that a spanwise cross-secticn
through the vortex sheet has the same shape as that obtained
behind & wing with end plates. The height of the "end-plate
vortex" or tip vortex is approximated by

C
R/b = 5 == 4= {6-32)

whiere CT is the tip chord. With the height of the tip vortex
known, the incremental tip-vortex lift can be expressed as
V1472
C‘LT = ‘ Z+ l+z,,,‘__;- ll Ky sina (6-33)
V| xz+ Vi+(xz)2

where

zZ =2 cosAC/Z/AR

I)
X = 1.0014—1,969(h/b)+3.0021(h/b)"-2.0072(h/b)3 (6-34)

Equation 6-33 was derived (Reference 34) by modifying tlic Helmbold
lift equaticn; where the effect of the end-plates are expressed

as a factor 1/x to the aspect ratio, Equation 6-34 is a curve

fit of the end-plate effect shown in Figure II1.A.4-1 of Refer-
ence 4.

It can be seen from Equation 6-32 that the end-plate effect
becomes smaller with increasing aspect ratio. This explains 3
b why the end-plate effect of the tip vortex has rarely been 3
] noticed for wings of moderate and large aspect ratios, g
‘ although it always existed. The tip-vortex method is shown
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in Reference 34 to give gcod agreement with experimental data
for unswept rectangular wings ranging in aspect ratio from 0.5

to 2.0. It is stated in Reference 34 that the end-plate
analogy can be used for straight or swept wings.

» The nonlinear lift calculated by Equation 6-29 is limi ed
by the maximum 1ift coefficient, C x: Of the wing. The value
of Crpax and the angle at which maximum lift occurs, Xmax, are ;
predicted by the low-aspect-ratio method given in Section 6.9. '
The leading-edge vortex is then limited by the condition

< ~ (C - =3
CLV ‘CLMAX ( LP)MAX (CLTV)MAX (6-35)

where (CLp)max and (CLy)max ave the values calculated for the
potential 1lift and the tip-vortex lift at the maximum-1lift angle
of attack. 1If (CLP)MAX > (CL)Mpx» it is assumed that the
leading-edge and tip vortices are too weak to add much 1lift to
the wing, and the high-aspect-ratio method discussed in Section
6.6 is then used to predict the lift up to stall.

Results of applving the nonlinear 1lift prediction procedure
are shown in Figures 40 through 43. The data were taken from
Reference 35, which reports on a test of a series of clipped
delta wings. The program results are shown as the solid lines
for the complete lift and as dashed lines for the initial value
of the lift-curve slope, Cr. . The results, in general, are
good and indicate a substantial amount of the 1lift is due to the
vortices.

6.8 Nonlinear Lift of Cranked Wings

The method available in the Large Aircraft program for
predicting the subsonic lift variation of cranked wings is
based on the technique presented in Reference 9. This method
assumes that as the outboard panel of a cranked wing experiences
~stall, the inboard panel still continues to lift. This
_ behavior is believed to be caused by the influence of the
; leading-edge vortex of the inboard panel. Consequently, the
flow field is similar to that of a low-aspect-ratio delta
wing with leading-edge separation.

The method employs the results of a data correlation
accomplished to provide a technique for determining the
] nonlinear 1ift of double-delta wings. It is hypothesized
that the nonlinear 1lift of a cranked wing should be similar

N
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to that of a double-delta wing. The nonlinear-1ift curve
construction technique for cranked wings is shown in Figure

44 .

CL‘

Nonlinear Lift Based on
Delta Wing Correlation

odstall

Figure 44 Construction of Nonlinear Lift Curve for

Cranked Wings

Except for some slight refairing of the data ccrrelation
curves to account for aspect ratics of less than 1.0, the method
emploved in the program is essentially the same as that presented
in Reference 9. The nonlinear angle of attack for a given Cp, is
calculated from

o A 1/n
where
CL, is the linear lift-curve slope (including
outboard panel)
Ay 1is the aspect ratio of *he inboard panel,

defined as shown in Figure 45.
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’ﬁB is the nondimensional spanwise ordinate
for the break point in the cranked wing

a,n are correlation constants (shLown in
Figure 46) derived by modifying the
Reference 9 method.

In the program it is assumed that o(5t511 is the angle of
attack corresponding to Crpg, as shown in Figure 13 of Section 4.
The accuracy of the nonlinear angle-of-attack prediction tech-
nique is, of course, strongly dependent on knowing ¢ stall-

6.9 Maximum-Lift Coefficient

The method used in the Large Aircraft program to estimate
the maximum 1ift and angle of attack for maximum lift is based
on the DATCOM method for both the low- and high-aspect-ratio
wings (Reference 2). The maximum lift of high-aspect-ratio
wings at subsonic speeds is directly related to the maximum
lift of the wing airfoil sections. The wing planform shape is
a secondary influence on the maximum lift obtainable. However,
for low-aspect-ratio wings, the wing planform is the primary
effect on maximum lift,wihile sectional characteristics are
secondary. The program uses the criteria established in the

DATCOM method by the equation

_ 3
ARpow = (C1+1l)cosAyg (6-37)

where C] ts a function of taper ratio, as given in Figure 54.
If AR > AR1 0w, the high-aspect-ratio method is used, and

if AR € ARjgy, the low-aspect-ratio method is used. These two
methods are described in the following subsections.

6.9.1 High-Aspect-Ratio Method

The DATCOM method is an empirically derived method based
on experimental correlations of high-aspect-ratio, untwisted,
and constant-section wings. The equations for maximum lift
and the angle of maximum 1lift are as follows:

CL
CLyax =(ﬁ) Cyax +ACLyax (6-38)
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The first term in Equation 6-38 is the maximum 1ift coefficient

at M=0.2; the second term is the 1ift increment to be added for
Mach numbers greater than 0.2,

The factor (Cpmax/Cemax) is computed by a curve fit of the
curves in Figure 4.1.3.4-14a in the DATCOM given by

;FMAX SA-Bay | (6-40)
MAX
where
0; Ay < 1.4
Ay = JAy-1.4; l.45Ay < 2.5
1.1; y > 2.5

and the terms A and B are plotted in Figure 47 as a function
of sweep. (Theay is defined by Equation 2-16.)

The increment to CLMax due to Mach number is computed from

a curve fit of the curves of Figure 4.1.3.4-15 in the DATCOM,
given by‘

ALE

=C+ (D-C)(ga— (6-41)

CLyax

where the terms C and D are plotted in Figure 48 as a function
of Ay and Mach number.

The section maximum lift coefficient at M=0.2, Cemax is
computed from

Clax = (QIMAX)Base + AChux (6-42)

where {CAvax)page and A Cfyax are shown plotted in Figures
49 and 50 as a function of the sharpness factor, maximum-thick-
ness location, and camber.
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The angle-of-attack increment for maximum 1ift, Ofpax,
is obtained from Figure 51, which is taken from Section 4.1.3.4
in the DATCOM.

6.9.2 Low-Aspect-Ratio Method

The empirical equations in DATCOM for estimating subsonic
maximum iift and angle of attack for untwisted low-aspect-ratio
wings are

CLMAX = (CLMAX)BaSe + ACLMAX (6-43) ]

X MAx = (O(MAX)Base +Ao{Max (6-44)

The base value of Cpysy is obtained from Figure 52 if the
position of maximum airfoil thickness, X, is forward of the
35-percent chord point, and from Figure 33 if Xt is aft of
the 35-percent chord. The values of ACpy,y, C1, and Cp are
obtained from Figure 54, the base C®yax from Figure 55, and
the value of Ao(max from Figure 56. (Figures 52 through 56
are taken from Section 4.1.3.4 of the DATCOM.)

6.9.3 Tail-Lift Contribution to CrLyax

Because the horizontal tail usvally has a smaller aspect
ratio compared to the wing and is In a downwash field that
counteracts the effect of angle of attack to some extent, it
is assumed that the tail does not stall before the wing. The
lift generated by the tail at the angle of attack of wing stall
is added to the wing maximum lift coefficient to obtain the
configuration maximum 1ift coefficient. The configuration
maximum 1ift is given by

“Laoax (CLMAX)W:'Lng v CLMAX)Tail (6-43)

where

2
ail

The term (Cp,)r 18 the lift-curve slope of the horizontal tail
as determined in Section 6.3.
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7. MOMENT

The moment of a wing-body-tail configuration can be repre-
sented by the equation

Cn = Cmy, + (n- _CE) = Ciyg - Clparr - L/ (7-1)

where n is the chordwise distance to the moment reference point
measured in exposed wing root chord (CRe), Xac/Cre 18 the
aerodynamic center location relative to Cr., and the last term
represents the moment contribution of the tail 1ift times the
moment arm Juyr, determimed frow Equation (2-9),

The following subsections discuss the method used to predict

the elements in Equation 7-1 along with a method of determining
trimmed lift curves and drag polars.

7.1 Zero-Lift Moment

The method of predicting the zero~1ift pitching moment for
a wing-body configuration considers only the effect of the wing
on Cm, and does not include the effect of an assymmetrical
fuselage or the effect of stores and nacelles located near the
wisg. However, the Cm, prediction method in the Large Aircraft
program can be adjusted by input so as to match the test data
Cmp on a similar configuration.

The subsonic zero-lift pitching moment for wings with
linear twist, up to the critical Mach number, is given in the

L TalN Y I
DATCUM as

AC : 5
o, =3(Cmo)TEO r mO)QTi 1 +5.9(t/c)M

\/l ~ Mzcos z/\.c/4

where (Cmy)r.q is the Cm, of an untwisted wing and (ACpy/T) 1is
the change in wing zerop-1ift pitching moment due to a unit
change in wing twist,'zf The parameter (ACmO/qﬁ was obtained
from lifting-line theory and is shown in Figure 57.

(7-2)

The Cm,, of an vutwisted wing is obtained from

ARcos%1c/4
(Cmo)rao B AR+2coSAc /4 ( mo).SECT

(7-3)
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where (GBO)SECT is the average section pltching moment coef-
ficient deterwined by averaging. the section Cp, for each wing
panel, using

- i=1\"4y
C =
( mO)SECT

where (Cn/Cygy) is the theoretical pitching momeut divided by
the section design lift of the airfoil camber line obtained
from Table 4.1.1-D in the DATCOM.

7.2 Aerodynamic Center

The aerodynamic center location of a wing-body configu-
ration is given in the DATCOM as

X X X

=] LIy e=] CrdwmHes) (L)
Xac CRe /% N'| Cr, W(B) Le./W(B) CRg B(W) Lu/B(W)
CRre (CLK)N+(CL1)W(B)+(CL¥)B(W)

(7-4)

where the xac/CRe terms are the chordwise distances measured
in exposed wing-root chords from the apex of the exposed
"wing to the aerodynamic center, positive aft. The sub-
scripts N, W(B), and B(W) refer to the lift and aerocdynamic
center contribution of the forebody, exposed wing, and the
wing-1ift carryover on the body, respectively.

7.2.1 Aerodynamic Center of Forebody

The subsonic location of the aerodynamic center for
forebodies with ogive nosecones is approximated in the
DATCOM as

Cre Cr, 7-3)

(Xac) = (-0.54) LN+1'6(XLE-LN)
N

Figure 28 defines the geometric parameters, LN, XLE, and CRe-
The supersonic forebody aerodynamic center is obtained from
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X X
(..EE) = .}Eﬁ( CP _ 1) (7-6)
CRe N CRe B

where the term XCPAIB is obtained from Figure 59 (Figure 4.2.2.1-
23a in DATCOM).

7.2.2 Aerodynamic Center of Wing (Trapezoidal, Single Panel)

The aerodynamic center of the exposed wing is determined
from the DATCOM charts presented in Figuresé60a through 60f.
These charts are valid for subsonic Mach numbers less than Mach
critical and supersonic Mach numbers greater than 1.2. For
transonic conditions, the data presented in the DATCOM in terms
of transonic similarity parameters (Figures6la through6ld) are
used to determine the a.rodynamic center position.

The procedure for obtaining aerodynamic center can be
summarized as:

Xac Xac |
£ 3 —_— = — -7
For M £ MR (CRe> (CRe) (7-7)
For Mgpr+.05 2 M > McR,
] L ]
Xac\ _ [ Xac > Xac Xac\ | M-Mcr
(CRe)-(CRe *'[ECRP> - (cRe>J 705 (7-8)
For V 1+(t/c)2/3 > M > MR + .05,

xac _ lxac '
(H)(EE‘) (7-9)

For 1.2 > M >,\/1+(t/c)2/3 ’

(7-10)

[} " 2 3

(&'ﬁ>=(£‘;€) +[(§1°_) ) (Xac)J M-V 1+(t/c) N

C C C C 3
Re Re Re e/] 1.2-N 14t /0)
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Ref. 2, FIGURE 4142

SUBSONIC AND SUPERSONIC SPEEDS
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Xac Xac '
(CRe> (FRe) (7-11)

where (Xzc/Cr.)' 1s read from Figure 60 and (Xac/CRg)" is read
from FigU“E61

7.2.3 Aerodynamic Center of Wing (Cranked or
Double Delta)

The prediction of the a.c. location of cranked or double- ;
delta wings is taken from the method developed at Convair Aero-
space as reported in Reference 10. The non-straight-tapered \
wing is divided into two panels, with each panel having conven- l
tional, straight-tapered geometry. The individual 1lift-curve |
slope and a.c. are estimated for each panel, using the technique
described above for the trapezoidal wing and treating each con-
structed panel as an isolated wing. The individual 1ift and
a.c. location for each constructed panel are then combined, using
an inboard-outboard weighted-area relationship

(€L),S Xac) (CLy) oS
Xac ; (CRe) L (CRe o L«/’0%0 -13)
CRe (CI.“)iSi + (CL,) ;S0

where the outboard wing a.c. is referenced to the inboard root
chord length given by

/X, {Xa2:.\ CRg AV A (b/2)4 Wt
- ) 2 - AY (tanf,p) + ——=(ta )
kc k } CRe  Cr, LE' © G, LE

The geometry for the inboard-outboard panel arrangement is
illustrated in Figure 62.
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7.2.4 Aerodynamic Center of Wing-Lift
Carryover on Body

The location of the a.c. due to the wing-lift carryover on the
body is determined by use of the DATCOM method. For BAR, > 4 the
subsonic a.c. location is obtained from

Xac _ 1 b-d
(-C—R:) = z + '-2-C—R; tan AC/ZI- . f(d/b) (7*13)

B(W)

where AR, is the exposed-wing aspect ratio and the factor f(d/b) is
shown plotted in Figure 63, For SBARp < 4 the a.c. location is

determined from
. 1 ! 2 !
X X ARn-4 X
Cac _( ac (ﬂ e + ac (7-14)
Re CRe 4 CRe

Cr
€ B(wW)

where (XéC/CRﬁ)' is the a.c. location determined from Equation 7-13

and (Xac/CR.}" is the thecretical location for SAR,=0 determined

from the equation

1
Xac 1 ‘
(-(H?:;) = 8 ARe(].'l'A,e) tan A1 (7-15)

where A, is the exposed-wi.ig taper ratio. Equation 7-15 is limited
to values less than or equal to 0.5. For supersonic conditions the
a.c. location is estimated from Figure 64, For transonic conditions
the a.c. location is determined by linear interpolation of the a.c.
values determined at the critical Mach number and Mach 1.1.

For compliex wing planforms the equivalent wing-sweep values are
used in the subsonic and supersonic a.c. location methods.

7.3 Effeect of Trim Deflection

The effect of trim deflection can be estimated by predicting the
incremental changz in 1ift, drag, and moment due to tail deflection
along constant angles of attack. The total wing-body-tail lift,
drag, and moment can be represented by

O, = CLyp + CLop (- ag) + Cp, - éxr (7-16)
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CD - CDMIN 4 (CDL) + (CDL) ' (7-17)
| TOTAL WB HT
’ dc

Cm = Cmgy * (RE)W 5 3CLat(°‘ -¥o,) *CL, éﬂTf Iur/e (7-18)

where the induced drag of the tail is predicted by use of a tail-
induced drag factor K; times the square of the lift generated by
tlie tail, i.e.

(Cpy) T = Ke [CLQ gla-ag) +Cp, 5HT]2 (7-19)
H

t From Equations 7-16 and 7-17, the incremental change in lift and ; )
: drag at constant & due to a trim deflection can be determined by

ACL = CL, * Opp (7-20)

_ i 2 2

; ACph = K¢ [CL o t(a-(lot)-h,L" 6HT] - K¢ [CL o t(d - (XOt)] (7-21)

Equation 7-21 can be reduced to

2 )
+ bJHTax ~.Jot) (7-22)

2

- ACp = aéHT
% where a = KeCp,

= r . )
b ZKtvL at CLd

The factor CL, for an all-movable horizontal tail is predicted
from i

CLO = (CL;)t KW(B) v qt/'qw (7-23)

where (CL;)t is the exposed-area lift-curve estimate for the tail, and
KWSB) is the surface 1ift in the presence of the body factor. The
induced drag factor for the tail is determined by the leading-edge
suction method described in Section 4, where

1-R¢ R¢ SREF

= + _
57‘3KW(B)(CL;)L_ TARgY (SEX)HT (7-24)

Kt
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5}n;to trim out the moment. The tail deflection required for

e o a2 g e

The Large Aircraft program can predict the lift, moment,
and drag for a fixed tail setting or the program can selve for

trim is obtained by setting Equation 7-18 equal to zero and
solving for §yr.

s,

125




8. HIGH-LIFT SYSTEM AERODYNAMICS

The empirical methods for predicting 1ift, drag, and
moment of an airplane with flap and slats deployed consist
of adding the incremental effects of the high-1lift system
to the clean airplane aerodynamics. Figure 65 illustrates
the manner in which the incremental effects of a flap can
be applied to the clean-wing aerodynamics. The followirg
techniques for estimating these increments were derived
from DATCOM and References 36 and 37.

8.1 Lift of High-Lift Devices

The untrimmed equation for 1lift can be expressed as
CL = CLO + CL“(X -AKX) (8-1)
The term A& varies with <X according to

0; & (X gy - 2400 )

Aol = 8-2
/OL _ocmax"'mmay\ 2 2 A ¢ )
Zao%mx o‘)(cimax &1 )
where
CLmax-CLo

Zmax = CL *+A4 0 max
o~

The clean-wingAolypax determined in Section 6.9.1 is also used
for the case with flaps. The increment in CLo and CLmax caused
..

kn -~ Fvaa14nn_nﬂnn_F1an Aac1anf4ﬁn rom ha aco+1
J -3 by A A A B b 6 M“b\_ y AL L4 da A Nt W7 N A

A Fyvarmm
Lo G-I @ 43

CL.
ACLO = ACIO (%) KcKp (8-3)
CL.
ACrgax = ACpy a0y ( 'q;) KeKp cosA oy (8-4)

where K. and Ky are shown plotted in Figures 66 and 67. The
factor CL.(/QI.L , determined from the Polhamus 1lift equation

c
ch - = 2 (8-3)
Lo 2+‘/4+( Ref) ( AR )

Splan cos A ./2
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Figure 66 Flap Chord Factor
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converts the sectional values ACy, and ACjyax to the three-
dimensional case. The sectional values are either obtained

from input to the program or generated internally for certain
types of high-lift system. The method of generating the section
values is discussed in Section 8.4,

The increment in 1lift at zero angle of attack is approxi-
mately zero when a slat is deflected. The slat acts to delay
separation from the wing leading edge and thus allows higher
anglies of attack and, consequently, higher values of maximum
lift before the wing stalls. An estimate of the increase in
maximum lift of a slat is represented by

Cy,
i - ‘ . . R &
4 Clmax = AClmax ( C1a > Kg "OS/\-LE 36}

where the partial span 2ffect, Kg, is shown plotted in Figure 68

8.2 Drag of High-Lift Devices

2
Cp = Cp + K(Cp- ACy) (8-7)

min
Total

The drag-due-to-1lift factor, K, with high-1lift devices car be
estimated by

SRef
K = Ketean " 50—

Ty
Tridil

where Kpojegn 15 the clean-airplane polar facter and Spy,, is
the new planform area of the wing if the flap extends the
chord of the wing. The drag due to lift factor remains
unchanged until o > opay - 2 ° Adp.y, after which K
approaches the zero-suction value given by Cp = Cr tanOpax -

Total minimum drag for the high-lift configuration is
expressed as

Copin = ®Dmin ¥ Opp.g.t CDFlaps+ CDgars toDT (8-8)
Total Clean

where increments are summed for the landing gear and the profile
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i)

drag caused by the flaps and slats. The increment in profile
drag of the flaps and slats can be estimated from sectional
drag data, using

ACDFlap =ACdf COS-AHL - K4 (8-9)

ACDSlat =ACdS COS_A_LE ¢ Kd (8-10)

where Kq is a partial-span factor, shown plotted in Figure 69.
The method for generating section values if given in Section 8.4.

Deflection of a flap produces an increase in 1lift at
zero angle of attack which in turn produces an induced drag
given by

(ACLO)
Cpp = KoKg —pe— (8-11)

where K, and K¢, shown plotted in Figure 70, are factors which
account for the non-elliptical span loading of partial-span
flaps.

Tha deflection cf a2 flap incrcases the camber of the
airfoll. 1In Refereice37, thin-airfoil camber theory is used
to relate the disP]acement of a polar with flaps to the lift

increment of the flap at zerc angle of attack by the equation

Acy = OQCL)Clean + Q&CL)DUE to

Wing Flap
where

(1-_l_)(ACLO)

. 1

ACL) pye oo = ﬁAR[?C —F (812
Flap  1+1.16( 2] (.5-c£/0)
Aot

8.3 Moment of High-Lift Devices

The pitching moment increment caused by a flap on a swept
wing is represented by

Cy =4C, Kyt %z.R tanA c/2- ACs - Kgw (8-13)
of =0 =0

where ACH& o and AC,(0 are the sectional change in moment and
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1ift at zero alpha due to flap deflection. The partial-span
factors Kg and Kgy are shown plotted in Figures 71 and 72, and

the method for generating sectional data is given in Section 8.4.

8.4 Aerodynamic Characteristics of Two-~Dimensional
High-Lift Devices

The 1ift effectiveness of plain trailing-edge flaps can
be estimated from thin-airfoil theory. The rate of change of
lift with flap deflection at a constant angle of attack is
given by

co, =2 [of + sin ef] (8-14)

where
cos ¢ = 1 - 2(Ccg/C")
and C' is the extended chord.

This equation 1is plotted in Figuire73 as a function of flap-
chord ratio. The theory considers only a bent flat plate and
doeg not include effects of thickness or large deflection
angles., The effects are accounted for in References 38

and 39 by empirical flap efficiency factors, as shown in

Figures 74 thyough 77. The lift of a plain flap may now be
expressed as

AC/O = 7p . C’(S . 35f (8-15)

where

47p is the plain-flap efficiency factor from Figure 74,
depending on the flap deflection angle, §f,
plus the included angle of the fiap trailing

edge, ¢TE'

Clﬁ is the rate of change of 1lift with flap deflection
at constant angle of attack from Equation 8-14.

O f is the flap deflection angle in radians.

This procedure is extended to slotted flaps with Fowler motion
by evaluating C/, at a flap-chord ratio based on the extended
chord. For doubie- or triple-slotted Fowler flap segments the
lift increment is obtained by summing the incremental lift
increments for each flap segment. The result is
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Acy

o "2 B s s, (8-16)

i=1
where

i is a subscript that indicates the 1lst, 2nd, 3rd flap
segment of the slotted flap

I is the number of slots or segments in the flap system

E ?7511 is the slotted-flap efficiency factor from Figures
75, 76, or 77 for the ith flap segment

C/Si is the lift effectiveness for the ith flap segment
(Sfi is the flap deflection of the ith flap segment.

The method of summation and the geometry definition required to
evaluate Equation 8-1§ is shown in Figure 78.

The effects of leading-edge high-1ift devices on the wing

1ift at zero angle of attack is estimated from thin-airfoil
theory as
LE

where

Ccos QLE =1 - Z(CLE/C')
Unlike trailing-edge flaps, the deflection of a nose flap causes
a loss in lift at zero angle of attack. The increment in lift,
ACy is

0

ac = (e, - Sus | (8-18)

wheFe‘élj:is the leading-edge flap deflection angle in radians,
positive nose down.

The two-dimensional maximum lift increment, 4 Cf ... due to a
trailing-edge plain-flap deflectton is given in Reference 38 as

. A Clmax
AClmay = Kr - K5 A5/, 09 (AC£=0 (619

M
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Figure 78 Principle of Superposition Theory and Extended
Slotted-Flap Geometry
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and, similarly, for single, double- or triple-slotted flaps the
equation is

I
Asclmax
ACApmax = Ky * K g (AC[O)‘ (m) (8-20;
1 i

where

(ASC/ ) is the predicted lift increment determined
°e i for the ith flap seguent from Equation 8-18

Kt and K, are empirical factors developed from experi-
mental data shown plotted in Figures 79 and $C

AC
——4€E§§ is the theoretical relationship between
ACL, .

ACymax and ACA .o given in Reference 39 as

ac, ) of [ +,&1|sm%(x+9f)/sin%(x-ef)i‘

0f+sin9fL Of tan X/2 _J (8-21)

where cos¥ = 2(Xs/c')-1 and cosgg = 1-2(Cg/c'). This equation
relates the theoretical maximum-lift increment to the chord of
the flap and the position of separation, Xg/c', on the airfoil.
The choice of the separation point Xg/c¢' to determine the maximum-
lift ratio from Equation 8-21 depends on the leading-edge
configuraticn. For clean leading-edge airfoils, the point of

flow separation is assumed at the leading edge, Xg/c' = 0.

For airfoils with leading-edge high-lift devices, the point

of flow separation is assumed to be at the knee of the leading-
edge device, Xg/c' = Crg/c’'.

The two~dimensional increment in maximum-1ift coefficient
of leading-edge devices is predicted in Reference 38 as follows

Acp ) =Cp ) Dwax © e OLE (8-22)
max’; o ILE MAX ’7 75 .
where, according to thin-airfoil theory,
CI ) = 2 sin QLE
SLE ppx

and cos@pp = (1-ZCLE/C'} The (C/s1g)max 1S presented in Figure 81.
The factors % ... and %4 are empirical factors, introduced
in Reference 38, to correlate A Cfnax)pg With available test
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dat.a on airfoils with trailing-edge flaps (Figures 82 and 83).

Tne meximum-1ift efficiency factor, Wpgx, depends on the type of
leading-edge device and on the ratio of leading-edge radius to
maximum airfoil thickness; %; is an efficiency factor that accounts
for large leading-edge-flap deflections,

In the case of the two-dimensional momeat increment, the
methodology for predicting the pitching moment is developed parallel
to the methods used for estimating the 1lift increment, which extend
thin-airfoil theory to cover multiple-slotted flaps with exteandable
chords. The trailing-edge-flap pitching-moment increment at zero
angle of attack is given in Reference 38 as

C '
ACmy_ g =ACIO . (..E‘.é) - Ky (8-23)
Cx
where
AcCy is the predicted lift increment for either
“ trailing-edge or leading-edge devices
H
Cmig is the theoretical center-of-pressure location
(E;’} from thin-sirfoil theory (Figure 84)
8
K is an empirical factor developed from experi-

mzntal data (Figure 85)

In the case of the profile drag increment, flap drag incre-
ments at X =0 for plain and single-slctted flaps are obtained from
Figures 86 and 87. These figures were obtained frow Section 6.1.7
in the DATCOM. For double- and triple-slotted flaps, Figure 88 is
used to cbtain the & =0 drag increment.

8.5 Ground Effect

During takeoff and landing when the clean airplane is close
to the ground, the ground proximity produces an increase in the
lift-curve slope, & decrease in drag, and reduction of nose-up
pitching wmcment. However, some high-1ift configurations may show
a loss in lift-curve slope due to ground effect,
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Figure 81 Leading Edge Flap Maxi-
mwun Lift Effectiveness

0 0.04 0.08 0.1z 0.16 0.20
LEADING EDGE RADIUS/THICKNESS RATIC

Figure 82 Maximum Lift Efficiency for Leading-Edge Devices
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A theoretical approach for estimating ground effects would
employ an image-vortex system to represent the Zround plane.
The DATCOM uses a semi-empirical method to estimate the increase
in induced upwash at the wing due to the reflected trailing
vortices and the change in 1lift at the wing due to the reflected
flap ground effects. The change in wing-body lift moment and
drag due to ground effect at a constant angle of attack is given
by

AcL = (ACL)yy + (ACL) . (8-24)
= Xco Xac )
_ocC L acg2. rICy

Acp = - g - (C Dwing ~ AR’ 57.3 (8-26)

Alone

where O, r and T are ground-effect parameters, shown plotted in
Figures 89, 90, and 91. The term Cpy is the minimum
drag contribution of the wing plus the érgg ue to lift of the
wing in free aly, The increment in 1ift on the wing due to
ground effect is calculated from

_ '9.12+14.32/(1+,\)z o
AL { up Ty

AR
e oI (ALY ¢ o+ ‘§~f—)2/.\(Ac) (8-27)
1+9\(LO) Lwg " {50 Lr1ap mel
whnere (7 is the wing-alone 1ift at angle of artack, and O,

B
(«L/Lg), and A (ACL)Flap are shown plotted in Figures 92, 93,
and '94. The increment in lift on the horizontal tail due to
ground effect is calculated from

@)y = (A€) ¢ /(- g_&) (8-28)

where A€ 1is the change in downwash at the tail given by

2
betf + (Hy - H)Z

L.

begg + (Hg + H)?

Al = €

(8-29)

where £ is the downwash at the taiil in free air, H is the height
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of the ©/4 of the wing above the ground, Hy is the height of the
7/4 of the horizontal tail above the ground, and bgeg is the
effective wing span,defined as

C’LWO + (ACLO)FlaP

C AC
g " ( Lo)Flap
b he

bafs = (8-30)

[
A

where Cr,, is the wing lift in free air without flaps,
¢CL0)Flap is the change in lift due to the flep, and

bl Ib! Ib|
R ) - £V "w
Pw (b ), b = (g;)(r)b

The ratio (by/d) is given in Figure 95 as a {unction of taper ratio,
and (bf/b)) is given in Figure 96. as a function of flap span.

The increments in lift, momenc,and drag due to ground effect
are calculated at each angle of attack. These effects are then
added to the free-air calculations; so that a trimmed condition in

ground effect can be calculated.
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9. DATA COMPARISONS

This section presents comparisors between predictions using
the Large Aircraft program and test data from various sources.

9.1 Systematic Wing Study K

Comparison c¢f the predicted lift curves and drag polars
with the systematic series of wing reported in Reference 12
are presented in Figures 97 and 98. Reference 12 reported on
the tests of 11 wing-body models covering systematic variations
of sweep, thickness-to-chord ratio, position of maximum thick-
ness, camber, and aspect ratio. The study was conducted over
aMach range from 0.23 to 0.9%. The predictions were wade using

" the geometry presented in Reference 12. The wetted areas of

the wing and body were computed internally by the Large Air-
craft program and the friction drag solution was for fully tur-
bulent flow.

The predicted drag polar shapes up to lift coefficients
slightly greater than the separation lift coefficient comes
close to matching the experimental data in most cases. The
predicted minimum drag is quite close to experimental levels
for most cases except for some test data below 0.3 Mach number.
Transition grit was fixed on the leading-edge of the model but
its possible that at the low Reynolds and Mach numbers the flow
wasn't fully tripred causing the test minimum drags to be low.
The predicted polars in the transonic region tended to have too
much drag at the higher lift coefficients probably because the
drag rise contripbution was increasing too fast.

The predicted 1lift versus alpha curves are in good agree-
ment with experimental data at the low lift coefficients. ¥How-
ever, the agrez2ment is poor in the high 1lift regions, when the
predicted maximum l1ift coefficients dorn't agree with test data,
At the low speed, low Reynolds number condition Cpypx was under-
predicted especially for the high sweep and the thin wing con-
ditions. The thick wing lift curve slope was underpredicted
at the highest Mach number because the predicted transonic
thickness correction became too small.
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9.2 Cranked Wing Study

Comparison of the predicted lift curve slope, drig-due-
to-1lift factor, mininmum drag and pitching moment slope with test
data for three of the wing models reported in Reference 40 are
shown in Figures 99 through 102, Each wing was planer and
was mounted separately on a cylindrical body of revolution
which had a Sears-Haack nose. Model 1 was a 59 degree lead-
ing-edge triangular planform and Model 2 and 3 had two straight
line leading edge segments of different sweep angles (referred
to as 'cranked" planforms). The three models were designed to
have the same exposed span and exposed area,

The predictions of the lift curve, drag due-to-1ift,mini-
mum drag and moment curve for the Model 1 wing agreed closely
with the experimental data except for the moment prediction at
Mach 2.94 and the minimum drag at the transonic conditions and
at Mach 2.94. The predicted lift curve slope for Models 2 and
3 matched the experimental data at the low subsonic Mach number,
but the program did not predict the large increase in lift-curve
slope at transonic Mach numbers and the program overpredicted
the lift-curve siope for supersomnic Mach numbers. The subsonic
and transonic predictions of drag due-to-lift, for Model. 2 aand
3, agrees well with experimertal data, but the supersonic values
are underpredicted because the lift curve slopes were overpre-
dicted. The predicted pitching moment curve slope was in fair
agreement with the test data for Models 1 and 2 up to a Mach
number of 1.6; beyond 1.6 Mach the pitching moment was over-
predicted. The minimum drag prediction for Model 2 was in
fair agreement with experimental data except in the transonic
region. The minimiu drag predictions for Model 3 were on the
average 14 percent higher than the test results,

9.3 C-141A Flight Test Data

Comparison of the C-141A flight test drag polars with full-
scale corrected wind-tunmel polars and Large Aircraft program
results are shown in Figures 103(a), (b), and (c) for M=0.7, :
0.75, and 0.775. 1hese results indicate that the Large Air- ' -
craft program predictions are in good agreement with the flight } &
data points at the higlher values of Cy, and lower values of |
Mach number. Comparison of the flight test versus predicted
drag-rise characteristics are presented in Figuvre 104 as drag
variation with Mach number for constant 1lift coefficients.
These results indicate that the reason why the drag pol:r was
underpredicted at the higher Mach num’ ‘s and lower lift co-
efficients was due primarily to overpreu.cting the drag rise
Mach number, M.,.
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The C-141A flight test data shown in Figures 103 and 104
were obtained from Reference 41. The flight test data in
Reference 4Z are corrected to an equivalent rigid-aircraft
condition trimmed at a c.g. location of 0.25 mean aerodynamic
chord at a Reynolds number of 55 x 106/MAC. The corrected
wind tunnel polars shown in Figure 103 were obtained from
Reference 42 where fully-corrected model test data was extra-
poled to full-scale Reynolds number. The predictions cf the
Large Aircraft program were made using the full scale C-141A
geometry presented in Reference 41. The program prgdictions
are trimmed at a 0.25 MAC c¢.g. location and 55 x 10V/MAC
Reynolds number condition. The program prediction used a
7 count (0.0007) miscellaneous drag increment in the drag
buildup to represent the roughness drag. The 7 count rough-
ness increment was tho same as used in Reference 42 to scale
model data to full scale.

9.4 High Lift Configurations

Figure 105 shows the 1lift, drag, and pitching moment
nredicticns for a wing-body configuration compare”™ ~ h test
data for a clean wing and a partial md full-span ..ngle-
slotted flap (Reference 43). The prugram results are in good
agreement with the clean wing lift moment and drag. The incre-
ment in lift due to flap deflection is underpredicted at
CLypx»> but the relative predicted differences between the
full-span and partial-span flaps were similar to the test
data. The increment in moment due to flap deflection was
underpredicted for both the full.span and partial-span cases,
while the drag increment for flap deflection was overpredicted
only for the full-span coudition,
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10. CONCLUSIONS AND RECOMMENDATIONS

The Large Aircraft Aerodynamic Prediction Program provides the
aerodynamicist with a quick-response capability for evaluating the
aerodynamic characteristics of arbitrary large aircraft or perform-
ing design trade studies. The Large Aircraft program offers a sig-
nificant improvement over hand calculations based on handbook
methods because:

1. The program can consider more complex relationships
between geometric and aerodynamic parameters that
may be neglected or not feasible in hand calculationms.

2. Typical hand calculations require a long series of
intermediate calculations and chart loockups that
require a great deal of time to perform and are
prone to error.

3. The program always performs the calculations in a
consistent manner, whereas hand-calculation results
may vary betwz2en individuals dcing the same cal-
culations.

Before using the Large Aircraft program to amalyze an arbitrary
configuration, the user should familiarize himself with the methods
and operation of the program. If a similar-type configuration with
test data is available, it should b: evaluated first with the program
so as to establish limits for credible 1ift, moment, and drag pre-
dictions for those types of configurations.

The modular construction of the Large Aircraft program will
allow subroutines to be added or replaced to incorporate new and/
or improved aerodynamic prediction procedures &s they become avall-
able. Future improvements to the Large Aircraft program should

extend the program to better handle fighter aircraft by inciuding buffet
predictions, transonic maneuvering devices, higher Mach numbers, etc.
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