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ABSTRACT

Formulation and application of a windward surface flow-field (in-
viscid and viscous) analysis is presented for general lifting body con-
figurations at high angles of incidence under hypersonic perfect gas
conditions. Primary emphasis is placed on development of an approach
which is accurate and easy to use while requiring only modest digital
computing facilities. Basically the present technique applies the "strip
theory' concept, leading to an infinite extent yawed body treatment ap-
plied in the windward surface crossflow plane for both the inviscid and
viscous (boundary layer) flow fields. A one-strip integral relations
approach is used to determine the spanwise surface pressure distribu-
tion at a given body location with all inviscid centerline quantities de-
termined via an inviscid conical flow approach or some alternate tech-
nique. The boundary-layer analysis is based on implicit finite-difference
integration of the governing equations for infinite-extent, yawed, blunt
body boundary layers. Both laminar and turbulent flows are considered
using a three-dimensional eddy viscosity-mixing length model of tur-
bulence. Comparisons of the present "strip theory' approach with ex-
perimental data on various lifting body configurations (including several
NASA Phase B Space Shuttle configurations) are presented in order to
ascertain the validity and applicability of the current technique.
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SECTION |
INTRODUCTION

The successful design and operation of a reusable lifting entry
spacecraft depends largely upon the design of the vehicle thermal pro-
tection system. In turn, the thermal protection system design depends
primarily on the thermodynamic environment. Peak heat-transfer rates,
distribution of the heating over the vehicle, and duration of the heating
are the most influential thermodynamic parameters. The most impor-
tant region in the design of a thermal protection system for a lifting
entry vehicle is the bottom (windward) surface, which is about 40 per-
cent of the total vehicle surface area for configurations of current in-
terest relative to the National Aeronautics and Space Adminstration
(NASA) Space Transportation System (STS), better known as the Space
Shuttle (SS). Current state-of-the-art surveys of the aerodynamics and
aerodynamic heating technology status for STS applications may be
found in Refs. 1 through 5.

The prediction of the thermal environment to be encountered by SS
vehicles during entry will require extrapolation of ground test (wind
tunnel) data by appropriate theoretical methods. Ideally, this may be
accomplished by ensuring that ground test data, taken over appropriate
ranges of Mach number and Reynolds number, can be calculated from
theory and then extrapolated to flight by applying that theory to flight
conditions. Reviews of the aerodynamic heating problems and con-
straints on lifting entry vehicles have been presented by Schadt (Ref. 6)
and Kipp and Masek (Ref. 7) with emphasis on the state-of-the-art aero-
dynamic heat-transfer-rate prediction methods and experimental tech-
niques for arriving at spacecraft design information. Specific aero-
dynamic heating problems with direct application to hypersonic lifting
body technology have been reported by Guard and Schultz (Ref. 8),
Young, Reda, and Roberge (Ref. 9), and Marvin, et al. (Ref. 10);
these studies include both analytical and experimental investigations.

The concluding summary on page 255 of Ref. 3 concerning the cur-
rent status and future needs of flow-field analysis techniques for SS ap-
plications states that ''the need for a three-dimensional method appli-
cable at high angles of attack is clear.' The present report documents
one such technique applicable to the windward surface of general lifting
body configurations at high angles of incidence under hypersonic perfect
gas wind tunnel conditions with primary emphasis placed on develop-
ment of an engineering-type analysis which is accurate and easy to use,
while requiring only modest digital computing facilities for application.



AEDC-TR-73-2

Basically, the present technique applies the "'strip theory' concept lead-

ing to an infinite extent yawed body analysis applied in the windward sur-
face crossflow plane for both the inviscid and viscous (boundary-layer)
flow fields. A NASA-developed one-strip method of integral relations
digital computer program is used to calculate the spanwise surface pres-
sure distribution at a given body location with all inviscid centerline
quantities determined via an inviscid conical flow approach or some
alternate technique. The boundary-layer analysis is based on implicit
finite-difference integration of the governing infinite yawed blunt-body
boundary-layer equations for both laminar and turbulent flows using a
three-dimensional eddy viscosity-mixing length model of turbulence.
Full details of both the inviscid and viscous analyses are included in the
present report with a source deck listing and sample input-output for the
currently developed stagnation line boundary-layer digital computer code
included as appendixes. Comparisons of the present ''strip theory' ap-
proach with experimental data are presented in order to establish and
ascertain the validity and applicability of the current technique; included
in this data-theory comparison are recent experimental measurements
taken during the Arnold Engineering Development Center (AEDC) von
Kdrmdn Facility (VKF) hypersonic wind tunnel tests of various NASA
Phase B SS configurations under the sponsorship of the NASA Marshall
Space Flight Center. *

SECTION 1t
ANALYTICAL ANALYSIS

2.1 STRIP THEORY PRINCIPLE

The basic aerodynamic concept applied in the present analysis is
termed "'strip theory, " which, according to Section 7 of Chapter 1 in
Hypersonic Flow Theory, by Hayes and Probstein (Ref. 11), may be de-
fined in terms of the following aerodynamic principle:

¥These data were obtained in the VKF Facility of AEDC under a
test program identified as STS Heating Test, AEDC Project No.
VT1162, sponsored by NASA Defense Purchase Project H-74068A with
Mr. John D, Warmbrod, Fluid Mechanics Research Office, Aero-
physics Division, Aero-Astrodynamics Laboratory, NASA Marshall
Space Flight Center, as the project monitor.
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"If the shape of a body in a given flow field is altered
in such a way that a suitably defined aspect ratio (AR)
approaches infinity, the flow about the body approaches
a state which can be described as independent of the
aspect ratio. "

This principle applies generally to all nontransonic flows and is espe-
cially applicable under hypersonic flow conditions. To illustrate the
principle, consider a body of length b which lies along a z-axis normal
to the undisturbed flow direction, as illustrated below. This coordinate
system is chosen in such a manner as to be consistent with the general
lifting body coordinate system used in later sections of the present
report.

The shape of the body is characterized by the body cross sections nor-
mal to the z-axis which are taken to depend smoothly upon only the z-
variable. The largest dimension of the cross sections is of the same
order of magnitude as a reference span width ¢, and the aspect ratio
(AR) is defined by AR = b/G.

A limiting process is now considered in which ¢ is fixed while
b =+ » so that AR —# ®, In the governing equations of motion for both
inviscid and viscous flows, all partial derivative terms in 3/ 8z become
neglibibly small through this limiting process. Physically, this means
that the flow (be it inviscid or viscous) locally approaches a two-dimen-
sional flow.

If the aspect ratio is large enough (AR >> 1) so that the flow closely
approximates a local two-dimensional flow, it may be considered to be
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independent of the actual value of AR. Hayes and Probstein (Ref. 11,
p. 27) state this in terms of an independence principle:

"Local flows at corresponding points in two flows of
sufficiently large but different values of AR are not
different from each other in any fundamental way. "

This independence principle applies with respect to all real-fluid effects
such as those attributed to viscosity and equilibrium chemical phenomena.

An immediate generalization of the above principle to windward sur-
face lifting body studies under hypersonic conditions is obtained by al-
lowing the basic z-axis to be pitched at a fixed angle relative to the free-
stream direction. The local flow then approaches that about an infinite
yawed two-dimensional body under the requirement that the inclination
angle a of the z-axis relative to the free-stream direction (i. e., the
angle of attack o or the complement of the yaw angle A) is not too small,
by which is meant AR sin @ >> 1. An additional generalization is obtain-
ed by letting the basic z-axis be a space curve with the body described
in terms of cross sections locally normal to the z-axis curve. Here
the characteristic curvature of the z-axis curve must not be too great.
With the curvature of the z-axis curve small enough, the curvature may
be simply neglected and the above principle applied locally so that the
local flow depends only on the local cross-sectional shape and the angle
of attack. Here the important requirement with respect to basic appli-
cability of the principle is that AR sin @ >> 1 as discussed previously.
However, as long as AR is finite, there will be some downstream point
on the body where the principle will fail and the flow will not behave
locally like that on a two-dimensional infinite body. In addition, failure
of body smoothness, such as discontinuities in body cross sections, re-
sults in a local failure of the principle, which does not generally imply
any overall failure of the principle.

The mathematical justification for the above-discussed ''strip theory"
principle may be found in the generalized hypersonic small-disturbance
analysis by Sychev (Ref. 12) as discussed by Hayes and Probstein (Ref.
11, pp. 103-112 and 342-355). The most important feature of Sychev's
analysis as it relates to lifting bodies at high angles of attack in a hyper-
sonic flow is that if the angle of attack, «, of the body is large, then the
zeroth-order solution of the inviscid small-disturbance equations be-
comes the solution of a blunt body in the transverse plane based on the
component of the free-stream Mach number normal to the body, i.e.,

M, sin a. Hence, as stated previously, the local flow depends only on
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the local cross-sectional shape and the angle of attack. Further, the
local flow behavior is independent of flow behavior at other body locations
under the restriction of body smoothness discussed above.

The application of the above ''strip theory" to the classical cases of
infinite yawed cylinder flows and infinite swept wing flows is well known
and discussed in such textbooks as Schlichting (Ref. 13, Chapter 10) and
Nash and Patel (Ref. 14, Chapter 4). With respect to compressible
flows under supersonic and hypersonic conditions, Reshotko and Beck-
with (Ref. 15), Beckwith (Refs. 16 and 17), and Kaups and Keltner (Ref.
18) have examined infinite extent yawed cylinder and swept wing flows
for the case of a laminar boundary layer; the corresponding turbulent
boundary-layer case has been examined by Beckwith and Gallagher (Ref.
19), Fleming and Krauss (Ref. 20), Bradley (Ref. 21), and Hunt, Bushnell,
and Beckwith (Ref. 22). Hypersonic laminar boundary-layer flows over
slender delta wings at high angles of attack have been analyzed by Ber-
tram, Feller, and Dunavant (Ref. 23), Bertram and Henderson (Ref. 24),
Cole and Brainerd (Ref. 25), Bertram and Everhart (Ref. 26), Everhart
and Dunavant (Ref. 27), and Whitehead and Dunavant (Ref. 28) on the
basis of the above "strip theory' approach. Beckwith and Cohen (Ref.
29) present a method whereby the ''strip theory' principle can be applied
to arbitrary bodies at incidence in a high-speed flow via locally similar
laminar boundary-layer solutions for yawed cylinders of arbitrary cross-
sectional shape. The Beckwith and Cohen approach has recently been
applied by Pappas (Refs. 30 and 31) for calculation of windward surface
laminar heating rates on SS vehicles at high angles of attack. Barano-
wski (Ref. 32) has applied the same basic Beckwith and Cohen ideas
through an approximate technique for analyzing the effects of three-
dimensional crossflow on heating rates and boundary-layer transition
along the windward centerline of delta planforms and flat plates of finite
width under moderate-to-high angle-of-attack hypersonic flow conditions.
The present analysis is, to the authors' knowledge, the first to apply the
"strip theory' principle to the calculation of both laminar and turbulent
boundary-layer flows on arbitrary bodies at moderate-to-high angles of
incidence in a hypersonic flow based on implicit finite-difference solution
of the reduced (3 /9z = 0) governing equations of motion.
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2.2 GOVERNING BOUNDARY-LAYER EQUATIONS

The present analysis employs the three-dimensional compressible
turbulent boundary-layer equations in terms of time-averaged mean
flow quantities as derived by Vaglio-Laurin (Ref. 33). Assuming the
ratio of boundary-layer thickness to local surface curvature to be every-
where small, the governing equations of motion, in terms of the ortho-
gonal coordinate system x, y, z illustrated in Fig. 1, Appendix I, re-
duce to the following (see NOMENCLATURE for terminology):

CONTINUITY

L 2
x- MOMENTUM
[¢]
——d% _,0u __dy dp d| v _— 2
pu%+P\'a‘—:+Pw za-a—i+a?Ela—;'P“"] (2)
y-MOMENTUM
I
5‘3:0 (3)
z- MOMENTUM
1] o
o7 I -vQE+-ra_'_/? [, 9 s (4)
Pax"'P ¥ P z"-.‘,"‘ayl“-ay'P‘“’
ENERGY
[v]
__dn —y OH - d d an 1-Pr dh - ———
T RET R S
where
T
V=%V ; . (6)
=2 -2
H=l’l+u——;—l— (7)

and the usual expressions for the mean and fluctuating parts of the de-
pendent variables are used; e. g.,

p=F+p (8)
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Implicit in Vaglio-Laurin's derivation of the above equations are the
following stipulations:

a. The rates of change of the mean flow properties in the x- and
z-directions[0(1)] are smaller than the rates of change in the
y-direction[0(6-1)] by an order of magnitude.

b. Mean squares and products of the turbulent fluctuations are
O(6); that is, the turbulent level is small. The terms involv-
ing mean squares of the velocity fluctuations are taken to be
negligible, which is valid for high Reynolds number flows with
a zero or favorable pressure gradient.

c. The time-average molecular transports are approximated by
those pertaining to the mean flow properties; indeed, even the
latter are negligible, except very near the wall, compared with
terms involving the turbulent transports.

Also implicit in the above equations is the requirement of an infinite ex-
tent body of the yawed cylinder or yawed wing type, which leads to the
term 8/8z = 0 as discussed in the first part of the current section.

If subscript w denotes wall and subscript e denotes outer edge of
the boundary layer, the associated boundary conditions on the above
defined equations are

MOMENTUM
y=0u=V=%=u'vievw =pv=0
asy-ouo:E-oU,W-bW
e e (9)
u’v’ -0, v'w’ » 0,p'v’ +0
ENERGY
y =0: ﬁ= Hw=hw,v'H'_0
(10)

8s ¥y < oo! ﬁ-DHe,-V'_H'--'O

which reflect the requirements of no slip and no mass transfer (suction
or blowing) at the wall, as well as a prescribed constant wall enthalpy.
The y-momentum equation (3) reveals that the static-pressure varia-

tion across the boundary layer is negligible, and hence the static pres-
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sure, p(x), is regarded as an external input to the boundary-layer anal-
ysis from a separate inviscid analysis. The outer edge velocities, Ue
and We, as well as the outer-edge static enthalpy, hg, must be deter-
mined from the inviscid analysis consistent with the imposed static-
pressure distribution.

The gas model adopted for the present study is thermally and cal-
orically perfect air or nitrogen having a constant specific heat ratio
v = 1. 40 and obeying the equation of state
P=pRT (11)
where R = 1716 ft2/sec2-°R for air and R = 1776 ft2/sec2-°R for nitro-
gen. Hence, under this assumption the static enthalpy, h, is given by
h = CPT (12)

where Cp = 6006 ft2/ sec2-°R for air and Cp = 6216 ft2/sec2-°R for nitro-
gen. The laminar viscosity, u, is taken to obey Sutherland's law, which
gives for air

2.270 x 10~8 T3/2 |bfgec
= (13)
T + 198.6 2

and for nitrogen

_ 2.1996 x 1078 T3/2 Ibfesec (14)
g = T + 198.6 2

where T must have units of °R in the above. The laminar Prandtl num-
ber, Pr, is taken to be a constant value of 0. 71 across the entire bound-
ary layer for both air and nitrogen.

23 TURBULENT TRANSPORT MODEL

Before Egs. (1), (2), (4), and (5) can be solved, expressions must
be supplied for the Reynolds stress or turbulent shear terms in the mo-
mentum equations and the turbulent flux of total enthalpy in the energy
equation. The approach used in the present analysis is to model these
terms as functions of the mean-flow variables following Adams (Refs.
34, 35, and 36), whose studies are based on the original analysis by
Hunt, Bushnell, and Beckwith (Ref. 22).

The concept that the Reynolds stress in turbulent flow is propor-
tional to a momentum exchange coefficient times the mean-flow velocity
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gradient normal to the surface is well known and commonly used in tur-
bulent boundary-layer analyses. This concept is based on an assumed
analogy between the so-called eddy viscosity and the molecular viscos-
ity. The total shear components in the streamwise, z, and crossflow,
X, directions are written as

Ju - —— du du
T, = # ay -pu'y = 3y + €, 5; (15)
L e LA ]
7 P'ay PV ay €, a (16)

where the eddy viscosities €y and €, in the x- and z-directions, respec-
tively, might in general be different. Applying the Prandtl mixing-
length hypothesis in conjunction with the assumption that the eddy vis-
cosity is a scalar function independent of coordinate direction (which
means physically that the turbulent shear stress acts in the mean rate
of strain direction) results in an eddy viscosity relationship of the form

(17)

€ =¢ =c¢, = pl?

QJ, Q
<

where G is a scalar velocity function defined by

1/2
= —\ 2 —\2
e _ (_) s ﬂ) (18)
dy dy dy
The quantity £x is termed the mixing length and is some characteristic
length related to the size or scales of eddies responsible for the flux of

momentum in the y-direction. Under the above model the turbulent
shear stress in a three-dimensional turbulent boundary layer may be

written in the form
2 2
- du
Tturb = ng[(%) + ("%2)] (19)

The complete derivation of Eqgs. (17), (18), and (19) is given in Refs.
34, 35, and 36.

The expression for the total heat flux in a turbulent boundary layer
may be written in terms of the static enthalpy as

=
=|
=]

Kk b
Cp dy

(20)

<+

QJIQJ
QJIQ)

. k - = k
1=t , =~ Pvh =T,
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where k is the laminar (molecular) thermal conductivity and « is the
so-called eddy thermal conductivity. Using the definition of the laminar
(molecular) Prandtl number

Gy
Pr = - (21)

and defining, by analogy, a turbulent Prandtl number (based on the use
of static enthalpy) as

Pr, = —— (22)

with € the eddy viscosity discussed previously, the total heat flux ex-
pression (20) may be written in the form

. 1 e 1 |oh
q = F[ﬁ +‘jp—,‘]g (23)

2.4 MIXING-LENGTH MODEL

The turbulent shear stress in a three-dimensional turbulent bound-
ary layer as governed by Eq. (19) is treated herein by the use of a two-
layer inner-outer model using Prandtl's mixing-iength hypothesis and
a modification of van Driest's analysis for the near-wall region. This
results in a continuous distribution of the shear stress from the lami-
nar value at the wall, through the fully turbulent region, reaching zero
at the outer edge of the boundary layer. The energy transport in a
turbulent boundary layer is treated in this work through the incorpora-
tion of the eddy conductivity, «, into the turbulent Prandtl number, Prt.

In the manner of Escudier (Ref. 37), Patankar and Spalding (Ref.
38) recommend the following variation of the mixing length, £4, across
the turbulent two-dimensional boundary layer which is adopted for the
present three-dimensional case by noting that the scalar properties of
a turbulence field are unlikely to be affected by moderate three-dimen-
sionality because turbulence is inherently three-dimensional in nature
for even so-called two-dimensional flows:

b, = kov, for 0 < y < Ayp'ke

0. (24)

N
]

Avp, for Ayp'ke

I

10
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where the values for the various numerical constants are taken to be
kx = 0.435 and A = 0.09. The value of y at the point where the velocity
in the boundary layer is equal to 0. 99 of the velocity at the boundary-
layer outer edge is used to define the distance yy; i.e.,

2

2 0. 1/
yp = {y-value where (@ + (@] = 0.99
1/2 (25)

2 2
w2 + (W )2)

By analogy with Stokes' solution for an infinite flat plate undergoing
simple harmonic motion parallel to itself in an infinite fluid, van Driest
(Ref. 39) concluded that in the vicinity of a wall the total shear stress in
a turbulent two-dimensional fluid should be of the form

2

du -wWr, P Fa\>
f=y£+pkgy2 1-exp(T—)(£ (26)

which results in an exponential damping of the turbulent part of the
shear stress as the wall is approached and yields exactly the laminar
shear stress form, 7= u(90/9y), at the wall. Although Eq. (26) was
originally developed for incompressible flow, it can be applied to com-
pressible flow by application of the suggestion by Patankar and Spalding
(Ref. 38) that the local value of shear stress be used instead of the wall
value as originally recommended by van Driest (Ref. 39). Hence, by
analogy of Eq. (26) with Egs. (18) and (19), the relationship for the
three-dimensional near-wall shear stress as used in the present anal-

ysis is .

- -\ 2
aG -1 92 2 -W7p a6
- g 1o () (%) @)

where the constant Ay is taken to be 26. 0 following the original van
Driest proposal (Ref. 39). Note that the damping term in Eq. (27) re-
flects the application of the local total shear stress as opposed to the
wall shear stress of Eq. (26), as discussed previously.

Based on Egs. (17), (18), (24), and (27), the eddy viscosity expres-
sion for the inner region is

€ = ﬁkzyz 1-exp ('.—E_) Vr—) a_(i (28)

11
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and for the outer region

—.2 938G
€ = PAYI 5y (29)

with the constants kg, Ag, A, and yy defined previously. The constraint
used to define the end of the inner region and the beginning of the outer
region is the continuity of the eddy viscosity. From the wall outward,
the expression for the inner eddy viscosity applies until € ; = €5, from
which point the outer eddy viscosity is used. A schematic of this vari-
ation in terms of the mixing lengths is shown below.

— o
Inner | Outer

* Xyz = 0.09 Yp = Constant

L\u

0.435 y

=
*
I
~
¥*
«
]

van Driest Damping

y

The turbulent Prandtl number (based on the static enthalpy defini-
tion of the turbulent heat flux) as given by Eq. (22) is physically a meas-
ure of the ratio of the turbulent transport of momentum to the turbulent
transport of heat. For the present work, the turbulent Prandtl number

12
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defined by Eq. (22) is taken to remain constant at the value 0. 90 across
the entire boundary layer as recommended by Patankar and Spalding
(Ref. 38) for two-dimensional turbulent boundary layers.

For the case of purely laminar flow in the present analysis, the
inner and outer eddy viscosities defined by Eqgs. (28) and (29) are both
set identically equal to zero so that the governing turbulent boundary-
layer equations reduce to their laminar counterpart.

25 ALTERNATE FORM OF ENERGY EQUATION

To apply the eddy viscosity-eddy thermal conductivity model dis-
cussed above to the present work, the energy equation (5) must be re-
written to replace the total turbulent energy flux p v'H’ in terms of
static quantities. By following the steps outlined on pages 176-183 in
Dorrance (Ref. 40), one can see that the energy equation (5) may be
written in the equivalent form

—— 90  _.0H __a“g’ d yp {, € Pr\ oH
plla—x—'*P\fw-prz =-67§Pr(1+; P—rt)-a-;

Pr, -1 — -
Pr=-1 € t — du _ ow
#[ T ][5* Ww]% (30)

based on the definitions of the scalar eddy viscosity and the turbulent
Prandtl number given in Section 2. 3 of the present report. Equation
(30) is to be regarded as the three-dimensional analog of Eg. (7-31) on
page 182 in Dorrance (Ref. 40) for a two-dimensional turbulent boundary
layer. Implicit in the derivation of Eq. (30) is the neglect of terms in-
volving mean squares of the velocity fluctuations, which is consistent
with Vaglio-Laurin's derivation of the governing equations as discussed
previously in Section 2, 2.

2.6 COORDINATE TRANSFORMATION

To facilitate numerical integration of the governing boundary-layer
equations (1), (2), (4), and (30), it is convenient to transform them to
a coordinate system that removes the mathematical singularity at x = 0
and stretches the coordinate normal to the surface, as is usually done
in two-dimensional laminar flow analyses. The coordinate transfor-

13
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mation used in the present work is the well-known Illingworth-Levy
{(Ref. 40, p. 30) transformation. The new independent variables intro-
duced are

X
(x} = xUud
E X { p(“b [ od X (31)
v -
7(x,y) = fe e f‘ £ gy (32)
vl o Pe
so that the transformed streamwise and normal derivatives become
d , 0 dp 4
a—x = pe#ell’ % + ax % (33)
4P 8
dy  3E 9 (34)

Define a so-called stream function, ¥(x,y), in such a manner as to iden-
tically satisfy the continuity equation (1); i.e.,

- oY -
pu = ai; (33)
—_- oy

pV = - 3. (36)

and introduce a nondimensional stream function f(£, n) such that
& = V28 (& (37)

so that the governing boundary-layer equations (2), (4), and (30) become,
in the transformed (&, n) coordinates:

CROSSFLOW (x) MOMENTUM

Feon "y (6127 _ oL ] |

)+ 17+ BO (f)]-2§[faf (% (38)
STREAMWISE (z) MOMENTUM

14
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ENERGY
(f,;:g)w fg + Q= 25['3—2-5'3—‘5] (40)
with the new dependent variables
én) = U; (41)
& = 5 (42)
8 (&) = ui (43)

The following definitions apply to the above equations:

Pe T
6 ala— (44)
P T
¢ - PE_ (45)
Pelte
¢t = f1+] (46)
m
x 7)
Pt -t 2 (4
[*# Pr,
2{" dUe
B = U, d (48)
Q-gsa-21) -2 U—2 £ + "’ cc”
- l:’rt Pr He He (49)

where the inviscid x-momentum equation evaluated on the body surface
=0 (50)

has been used to relate the inviscid velocity, Ug, to the imposed invis-
cid static pressure, p. In the transformed governing equations, primes

15
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denote partial differentiation with respect to the n-coordinate; i. e.,
ﬂ

dn

2%

an?

f’

(51)
£ =

An expression for the static temperature ratio, 6, of Eq. (44) can be
found by application of Eqg. (7) to yield

_2 _2
= u + W
T & H'( 2) (52)

which can be written in the form, using Egs. (41), (42), and (43),

h

€ €

H v ? w2
6=-"8- %[h (12 + == <c)2] (53)

The physical boundary conditions given by Egs. (9) and (10) become,
in terms of the transformed vairables,

MOMENTUM

f(f,q = 0) =0

6y = 0) = 0

Ay =0 = 0

lim f°(&p) =1 (54)
e

lim c(&np) =1

[/l

16
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ENERGY

H .
g(f.n-O)—H—=—=gw

!;m g&m = 1 (55)

2.7 BOUNDARY-LAYER PARAMETERS

Given the numerical solution to the governing equations of motion
(Egs. (38), (39), and (40) ) following the integration procedure of Appen-
dix III, the associated local boundary-layer parameters at a given body
station may be determined as follows. The local convective heat flux at
the body surface (y = 0) is given by the well-known Fourier law,

: oT -k, foh
qw = "‘w(a‘,—')" = Tp- (5;)" (56)

which can be written in the equivalent form

. Fw (00
T = "ﬁ(s;), 57)

through use of Egs. (7) and (21) with

[ <]
L dh du d% 58)
&).-G). [ e ay], (
through application of 1 = 0 and W = 0 at the wall, as given by Eq. (9).
In terms of the transformed (£, n) coordinates, Eq. (57) becomes

-f p,p U H,
q, = = g (& = 0) (59)

Pry/2§

where

£, = (60}
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In a similar manner, the local wall shearing stress in the x- and
z-directions may be written in terms of the transformed coordinates as

du ewpe“euez o
T "“’(37) v om0 (6L
= 4 Uu_w
ow wPelele e ’
= el ST Sl )TN =0
s ,Lw(ay)w = ¢y = 0) (62)

Physical height in the boundary layer is determined from the y-trans-
formation relationship, Eq. (34), as

pBUe [+]

y = (63)

For the case of three-dimensional boundary-layer flow, two lengths
characterizing mass-flow defect may be defined in terms of the profiles
of the two velocity components in the x- and z-directions

5, = f: ( - pﬁg )dy (64)
5" - {“(1 _ fjwe)ay (65)

and it is not clear which, if either, defines a displacement thickness
properly describing the extent to which the nonviscous flow is deflected
by the boundary layer. Moore (Ref. 41) has considered this problem in
great detail relative to the proper definition of a three-dimensional dis-
placement surface, and the interested reader is referred to this source
for further discussion of the subject. In terms of the transformed (&, n)
coordinates, the two mass-flow defect lengths may be written as

5; = :{:ie {“(o—f’) dn (66)
5, = YE ("0 (67)

In a similar manner, the momentum thicknesses in the x- and z-
directions may be written as
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bue = [T (- T (69
= I\’/:-?Ue {m f(1-£") dy (69)

and

6 = pw (__W)d
ox =] pw Umw )Y

V2 fwc(l—c)dn

e o

(70)

©
@
[=}

Along the stagnation or attachment line (centerline) of an infinite
extent yawed blunt body where § = 0 since x = 0 {(see Fig. 1 for clarifi-
cation), the above equations reduce to the following limiting forms
(under the restriction that U, = [d Ue] x near x = 0 so that

dx Jy=0

E'N% Pe “e[ile] x% near x = 0):
x=0

dx
. -2, H, Md Ue]
[qw] =0 = Pr \/P'ep‘e [dx

Og’(f'q = 0) (71)

(72)

(73)

(74)

(75)
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6nd, o= |~y { 0=
P d:] ° (76)
= x=0
{ c(l-c)dp 17)

Furthermore, the pressure gradient parameter, B, defined by Eq. (48)
assumes the value 8 = 1 on the stagnation or attachment line (centerline)
under the above restriction on Ug and § near x = 0.

Various quantities of interest are defined as follows:

FREE-STREAM REYNOLDS NUMBER BASED ON REFERENCE
LENGTH L

Poo Voo L

Hoo (78)

Rem’L =

LOCAL UNIT REYNOLDS NUMBER BASED ON INVISCID
EDGE CONDITIONS

PoUe

Re,/tt = —- (79)
pe we

Re,, /tt = — (80)

LOCAL MOMENTUM THICKNESS REYNOLDS NUMBER BASED ON
INVISCID EDGE CONDITIONS

P U 0
Re, g e €& mX (81)
“m,x Le
Pe¥eOm,,
Re,p =0 o mz (82)
m,z Fe
FREE-STREAM MACH NUMBER
"7
M, = —= (83)
VYRT,

20
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LOCAL MACH NUMBER BASED ON INVISCID EDGE CONDITIONS

% JyRT, (84)

M =

\/)’ R Te (85)

LOCAL ANGULAR DIRECTION OF A STREAMLINE RELATIVE TO THE

Z-AXIS DIRECTION
U, ")
@w = arctan [W’)—] (86)

which becomes at the outer edge

Ue
w, = arctan[“—,] (87)
e
and at the body surface
Ue f" (Elﬂ = 0)
Wy = arctan m (88)
LOCAL STANTON NUMBER BASED ON FREE-STREAM CONDITIONS
s S
o = P Vo Gy (T, 2T (89)

LOCAL NUSSELT NUMBER BASED ON REFERENCE LENGTH L AND
ADIABATIC WALL TEMPERATURE

N ~ay L
"Liaw = T (T, T, (90)

w

where for yawed cylinder flow the adiabatic wall temperature is given

by (see p. 8, Ref. 19)
T T T
Taw = rf(l- = e) + = e (91)

0,00 0,00
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with
rp = VPr = V071 = 0.843 (92)
for laminar boundary layers and
3o 3
rp = yPr = 0.71 = 0.892 (93)

for turbulent boundary layers with Pr = 0. 71, as previously specified
in Section 2. 2.

LOCAL SKIN-FRICTION COEFFICIENT BASED ON FREE-STREAM
CONDITIONS

r

e 20

©°x Ko ¥V (94)
C rw z

f N

o,z Y P Vooz (95)

2.8 BOUNDARY-LAYER TRANSITION CORRELATION PARAMETERS

In the NASA Phase A Space Shuttle studies, the various contractors
used a number of criteria for predicting the onset of boundary-layer
transition. These were based either on local boundary-layer edge Rey-
nolds number or on more complex criteria such as a local Reynolds num-
ber based on the laminar boundary-layer momentum thickness. By de-
tailed evaluation of existing delta wing centerline transition data at vari-
ous angles of incidence in hypersonic wind tunnel flows, Masek (Ref. 42)
proposed an onset to transition correlation parameter of the form

Rec’e /Me.z
P = | — 22 (96)

[Re, ,/1]0:2
: x=0

applicable only along the windward centerline. The transition onset
parameter, TP, was shown to have a value of approximately 10 at angles
of attack below 35 deg, rising to slightlyzabove 20 at 60-deg angle of
attack (see Fig. 8 in Ref. 7 for clarification), This transition onset
correlation has recently been shown to be also applicable to space
shuttle configurations at incidence under hypersonic wind tunnel con-
ditions, as can be seen by reference to Fig., 11 in Matthews, et al.

(Ref. 43) as well as Fig. 16a in Marvin, et al. (Ref. 10). All of the
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quantities necessary to compute the transition correlation parameter of
Eq. (96) are derived as part of the present inviscid-viscous analysis.

It is to be noted that Masek (Ref. 42) determined the momentum thick-
ness, Om, z, from incompressible flat plate-reference enthalpy rela-
tions with an approximate correction for flow divergence. The momen-
tum thickness in the present analysis is exact in the sense that it is a
result of numerical solution to the laminar boundary-layer equations
allowing thermodynamic property variations across the layer, as well
as flow divergence influence on the resultant velocity profiles.

Another type of (three-dimensional) boundary-layer transition which
has received little attention to date relative to space-shuttle-type con-
figurations is the so-called crossflow-induced transition first observed
by Owen and Randall (Ref. 44) and Chapman (Ref, 45) in swept-wing
flows. A general discussion of the basic phenomenon and its three-
dimensional nature may be found in the recent report by Adams (Ref. 46).
Briefly, three-dimensional crossflow has an adverse effect on laminar
boundary-layer stability in that a system of streamwise vortices con-
tained within the boundary layer may be formed, apparently because of
the inflection point in the rotated crossflow velocity profile illustrated
in Fig. 2, which is unstable to small disturbances. This vortex forma-
tion apparently signals the onset to three-dimensional crossflow-induced
transition of the boundary layer from laminar to turbulent flow.

The exact location at which the above-discussed vortex system will
originate cannot be determined from classical boundary-layer stability
theory for three-dimensional flows such as that presented by Gregory,
Stuart, and Walker (Ref. 47). Instead, the abrupt formation of these
vortices and also the development of complete turbulence, i.e., transi-
tion, in a three-dimensional boundary layer can apparently be correlated
with a so-called maximum local crossflow Reynolds number, x, defined
(Refs. 44, 45, and 46) as

Pe Wsﬂ.mm& 8

X == (97)

where w is the maximum crossflow velocity in the streamline

sf, max
coordinates of Fig. 2, and 6 is the boundary-layer thickness defined as
the normal distance from the surface where the total resultant velocity

U+ W
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reaches 0. 995 of the total resultant inviscid edge velocity

Ue2 + We2 H
pe and ue are the values of density and viscosity, respectively, evaluated
at the inviscid edge conditions. Owen and Randall (Ref. 44) found the
critical value of crossflow Reynolds number for vortex formation and
for crossflow-induced transition to be 125 and 175, respectively, based
on the leading edge of swept wings at subsonic speeds. The work by
Chapman (Ref. 45) on swept cylinders at supersonic speeds (free-stream
Mach numbers up to seven) indicates that

X < 100— Laminar Boundary Layer

100 € X & 200—»Vortex Formation and Transitional
Boundary Layer

X > 200—»Turbulent Boundary Layer

which means that the crossflow stability criterion of Owen and Randall
may apparently be expected to apply without change on cylindrical lead-
ing edges for both subsonic and supersonic flows. Chapman's work fur-
ther showed that the amount of crossflow needed to induce crossflow in-
stability downstream of the leading edge was very small - on the order
of one to five percent of the inviscid edge velocity for the conditions ob-
served. This means physically that on delta wing and space shuttle con-
figurations at incidence with large spanwise pressure gradients, bound-
ary-layer transition may more likely be caused by instability of the
crossflow than by instability of the streamwise velocity profile (i.e.,
Tollmien-Schlichting instability) because of the extremely small amount
of crossflow needed to cause transition at small values of the local
crossflow Reynolds number.

It should be noted that Eq. (96) is a centerline transition parameter,
whereas Eq. (97) is a transition parameter for the spanwise (crossflow)
direction off the centerline. Hence, the possibility exists of boundary-
layer transition at some spanwise location off the centerline while the
centerline itself remains laminar. Along the centerline, classical
Tollmien-Schlichting-type instability is expected to be the dominant
mode leading to boundary-layer transition. Off the centerline at some
spanwise location, crossflow-type instability may become the dominant
mode leading to boundary-layer transition. A clear and basic under-
standing of these instabilities and which ones may be expected to be
dominant under what conditions remains to be achieved.
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It should be noted that the oil-flow investigations of both Marvin,
et al. (Ref. 10) and Cleary (Ref. 48) reveal an accumulation of oil in
chordwise streaks on the swept wing of typical space shuttle configu-
rations under hypersonic wind tunnel conditions. This accumulation is
believed to be caused by the entrained vortices that form in three-di-
mensional boundary-layer flows as discussed above. As indicated by
Marvin, et al. (Ref. 10, Fig. 12), these vortices result in irregular
heating patterns which cause severe lateral gradients in heating rates.

29 NUMERICAL SOLUTION OF THE GOVERNING BOUNDARY-LAYER EQUATIONS

In the present study of infinite extent yawed body boundary-layer
flows, numerical solution of the governing nonlinear, parabolic, partial
differential equations (Eqgs. (38), (39), and (40)) is performed by obtain-
ing linear finite-difference equivalents of the equations and solving these
using an iterative, marching, implicit finite-difference integration tech-
nique involving inversion of tridiagonal matrices. Full details of this
numerical approach are given in Appendix IIL.

The digital computer code is written in FORTRAN 63 for use on a
CDC 1604-B digital computer. Solution time (including on-line printing)
is approximately seven to eight minutes on the 1604-B machine for a
body divided into 40 spahwise stations. Approximately 0.5 minutes of
this time are required to generate a laminar stagnation or attachment
line solution, whereas a corresponding turbulent solution requires about
1. 5 minutes because of the larger number of iterations needed for con-
vergence in the turbulent case. No numerical stability problems have
been encountered with the present finite-difference approach because
of its implicit nature.

A CDC FORTRAN 63 source deck listing of Program SLYBBCBL
(Stagnation Line Yawed Blunt-Body Compressible Boundary Layer) is
given in Appendix IV. Sufficient comment cards are inserted at key
locations in the program to enable the potential user to follow the basic
program logic. All of the associated inviscid and viscous theory aspects
of the analysis are contained in the present report; the numerical anal-
ysis aspects of the solution technique are fully documented in Appendix
ITI of the present report. It should be noted that the digital computer
code is written in a very general and compact manner so that any num-
ber of coupled, ordinary, linear or nonlinear, variable or constant coef-
ficient, second-order differential equations with two-point (split-end)
boundary conditions of the function type can be solved simply by chang-
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ing the number-of-equations indicator (NEQ) and redefining the necessary
ALPHA-coefficients in Subroutine ABCD. In addition, an auxiliary sub-
routine (such as VISC in the present program) may have to be written to
evaluate some of the variable coefficients in the governing differential
equations. Furthermore and obviously, the input and output aspects of
the code need modification for application to a new problem. The basic
and important point is that the solution technique itself is coded in a
general manner so that no changes as to overall program logic are re-
quired to adapt the present approach to new questions involving boundary-
value problems governed by second-order ordinary differential equations.

Examples of input and output to Program SLYBBCBL are given in
Appendix V for practical cases of aerodynamic interest, some of which
are included in Section III of the present report. A written description
of the input data is also included in Appendix V to provide the potential
user with an understanding of the various input options for different-type
analyses. For the reader interested in using Program SLYBBCBL for
applications similar to those of the present report, it is suggested that
a thorough study of the example input data and resulting program output
relative to the program source deck listing will be most informative to-
ward gaining a clear understanding of how the various types of analyses
are coded into theprogram, as well as how the program output may be
interpreted relative to the input data.

Program SLYBBCBL requires approximately 16, 500 core storage
locations on the CDC 1604-B digital computer (which has a maximum
available core storage of approximately 32, 000 locations). The CDC
1604-B digital computer has a 48-bit word length which results in ap-
proximately 11-significant-decimal-digit accuracy in single precision.
All of the present calculations have been performed using single preci-
sion arithmetic. As mentioned previously, a laminar boundary-layer
stagnation line solution using Program SLYBBCBL requires about 0.5
minutes on the CDC 1604-B digital computer; corresponding time for a
turbulent boundary-layer stagnation line solution using Program
SLYBBCBL is approximately 1.5 minutes. These quoted computation
times for the CDC 1604-B digital computer can be reduced by a factor
of approximately 12 to 15 through use of a CDC 6600 or UNIVAC 1108
machine.

A FORTRAN source deck listing of Program SIYBBCBL (Spanwise
Infinite Yawed Blunt-Body Compressible Boundary Layer) which per-
forms the marching-type numerical integration necessary for a non-
similar boundary-layer analysis in the spanwise direction at a given
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axial body station is not presented in the present report because of its
length and complexity. Program SIYBBCBL includes Program
SLYBBCBL as part of its internal structure, since a stagnation line
solution must initially be generated to start the spanwise marching-
type integration technique. A careful examination of Subroutine VISC

in Program SLYBBCBL of Appendix IV will reveal that the three-dimen-
sional invariant model of turbulence is coded in a general form suitable
for application in Program SIYBBCBL. In fact, Program SLYBBCBL
of Appendix IV has been obtained from the more general Program
SIYBBCBL by suitable deletion of portions of the spanwise analysis not
needed for a stagnation line solution in conjunction with the addition of
certain internal options (such as the inviscid centerline flow parameters)
necessary to make Program SLYBBCBL execute as a ''stand-alone' or
"load-and-go" program.

2.10 INVISCID FLOW FIELD

The inviscid flow-field quantities needed for input to the present
boundary-layer analysis (such as Ug, We, D, etc.) are herein deter-
" mined in a simplified manner consistent with the "strip theory" prin-
ciple of Section 2. 1. Stagnation or attachment line (x = 0) parameters
are used in conjunction with an analysis of a local cross-sectional body
cut in a plane normal to the stagnation or attachment line axis (which
physically coincides with the z-coordinate). The details of this approach
are presented below.

2.10.1 Inviscid Supersonic and Hypersonic Flow Past a Yawed Cylinder

For the case of inviscid supersonic or hypersonic flow past an in-
finite yawed cylinder, simple inviscid sweep theory following Reshotko
and Beckwith (Ref. 15) is used in the following manner to determine the
inviscid stagnation line parameters. Consider the infinite yawed cir-
cular cylinder illustrated in Fig. 3 under the restriction that the chord-
wise component of the free-stream velocity be supersonic, i.e., Mg
cos A> 1. When the chordwise component of the free-stream velocity
is supersonic, the wall pressure at the stagnation line is that which
would be sensed by a pitot tube placed normal to the shock. This pres-
sure is related to the free-stream static pressure by the Rayleigh pitot
formula as
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(98)

where

MNN = M_cosA (99)

and My _ must be greater than unity. Since the shock is parallel to
the yawed cylinder, the z-direction inviscid surface velocity is simply

[We] = Voo Sin ll\ (100)

Since the x-direction inviscid surface velocity, U, is zero at the stag-
nation line, the inviscid static temperature, T,, may be determined
from conservation of total energy which gives, for a perfect gas,

w2
[T) =T, ~—22 (101)

x=0 Al 2Cp

As discussed in Refs. 15 and 19, the surface pressure distribution
around the front half of a yawed circular cylinder may be well repre-
sented through modified Newtonian theory as

-[—D—F(X) . --[?—Pm cos? B) 1 ;p|°°
P x=0 P x=0 pr " le x=0 (102)

where [pb]x= 0 is given by Eq. (98). Experimental data indicate that
MN, should be greater than approximately two for Eq. (102) to apply.
The inviscid stagnation line velocity gradient, [—dﬂg-]}F 0’ based on the

dx
pressure distribution of Eq. (102) is given by

Euﬂ , [l - e}

dx =D Ipe o (103)
where, for a perfect gas,
(py)
[ e] = x=0
p x=0 [B TJ =0 (104)
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Note that Eq. (103) is simply the classical Newtonian velocity gradient
expression. Based on the above discussion, My, should be greater than
approximately two in order for the inviscid stagnation line velocity gradi-
ent given by Eq. (103) to apply.

With the inviscid stagnation line (x = 0) quantities determined per
the above discussion, all inviscid surface quantities at any x-location
around the front half of the yawed cylinder can be determined through
application of an isentropic expansion from the stagnation line conditions
to the desired 'x-location surface pressure as determined from Eq. (102).
Constancy of total energy is used to determine the x-direction compo-
nent of velocity, Ug(x), knowing the value of the static temperature
Te(x) from an isentropic expansion and the fact that Wg(x) remains con-
stant at its stagnation line value given by Eq. (100) because of the shock's
being parallel with the body.

It should be mentioned in closing this discussion of inviscid yawed
cylinder flows that Ref. 15 also considers the case of subsonic chord-
wise flow where My, is less than unity. Such flows will not be consid-
ered in the present report.

2.10.2 Delta Wing and General Lifting Body Stagnation or Attachment Line
Inviscid Flow Parameters

For the case of hypersonic flow past the windward surface of a
slender, sharp-nosed delta wing at moderate-to-high angles of incidence,
much experimental evidence exists to show that along the windward cen-
terline (which is the z-axis in the present nomenclature and corresponds
to the stagnation or attachment line along which x = 0) the inviscid flow
parameters are essentially conical and well-represented by inviscid-
sharp-cone-at-zero-yaw (tangent cone) values where the sharp cone
half-angle is taken to be equal to the total flow deflection angle of the
delta wing, i.e., the delta wing's angle of attack relative to the free-
stream direction. Proof of the above statement may be found in the
delta wing experimental studies of Barber (Ref. 49) and Nagel, Fits-
simmons, and Doyle (Ref. 50). The recent experimental investigations
by Matthews, et al. (Ref. 43) and Ashby (Ref. 51) show that a locally
applied tangent-cone approximation (up to shock detachment) is appli-
cable and accurate for calculation of the windward surface centerline
inviscid flow parameters on space shuttle orbiter configurations at
moderate-to-high angles of attack in a hypersonic flow. Further, at
moderate-to-high incidence angles, nose bluntness effects disappear
within a maximum distance of 5 to 10 nose radii from the nose stagnation
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point, as can be seen from the windward centerline surface pressure
results presented in Figs. 6 and 7 of Ref. 52, which are for a 75-deg-
sweep blunted delta wing at 20- and 40-deg angles of attack in a Mach
8 hypersonic flow.

Based on the above evidence, all of the present windward surface
inviscid parameters along the centerline of either delta wings or space
shuttle orbiter configurations are herein calculated from tangent-cone
theory applied locally unless otherwise noted (such as for the case of
60-deg angle of attack, where tangent-cone theory predicts shock de-
tachment). The particular form of tangent-cone theory applied in the
present analysis is based on a simple approximate solution for the
hypersonic small-disturbance form of the Van Dyke stream function
equation (Ref. 53) as developed by Rasmussen (Ref. 54). From Eq.(16)
in Rasmussen, the surface pressure on an unyawed sharp cone in hyper-
sonic perfect gas flow is given by

sln2 8 2 =2
K

I_y— l)l\ + 2
where

K = M sind, (106)
is the hypersonic similarity parameter (HSP) and

Pp
2(p, - p_) 2(p_— )
C - Pp ~ Pe - oo (107)

with the sharp cone nomenclature shown below.
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The shock angle, Oghock, is related to the cone half-angle, 6y, by Eq.
(15) in Rasmussen {(Ref. 54), which gives

sin @ hock 1 1 1/2
shoc _ y+ _r
sin ‘o‘v - [ 2t Ez (108)

With the shock angle known from Eq. (108) and the surface pressure
determined from Eq. (105), all other inviscid quantities on the cone
‘'surface can be determined by crossing the conical shock using oblique
shock relations followed by isentropic compression to surface conditions.

For the hypersonic limiting conditions as K—»«, Egs. (105) and
(108) reduce to the limiting forms

Cpb : .
5 Y+ y+1
sin? 8v _ b+ (7— 1) ln( 2 ) (109)
K-

in 6 1/2
[Sln. ghock] > [! + l] (110)
sind | 2
K - o0

which are in excellent agreement with the curves for M, = «» in Charts

5 and 6, pp. 48-51, of NACA Report 1135 (Ref. 55) for the case v = 1.40.
Further note that Eq. (108) gives the proper Newtonian limit (y —e 1,
Mg— =, 6y fixed) for all éy; i.e.,

c ] > 2sin?8
[ p’b Newtonian Limit Y (111)

For the case of finite but hypersonic Mach number flow past a sharp
cone, Table I (Appendix II) presents a comparison of hypersonic small-
disturbance (HSD) calculations following the above approach by Rasmus-
sen (Ref. 54) relative to the conical flow tables of Sims (Ref. 56), which
are based on numerical solution of the inviscid conical flow equations
for a v = 1. 40 perfect gas. The case considered is for a 30-deg half-
angle sharp cone to assess the accuracy of the HSD approach under con-
ditions typical for application to lifting body studies. In general, the
agreement of the HSD technique with the Sims tables is excellent for all
parameters in the Mach number range considered. Whittliff (Ref. 57)
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has also noted the basic applicability of the above HSD technique under
flow conditions such that K = M, sin § > 1.

For flow deflection angles greater than approximately 50 deg, and
where the exact inviscid conical flow theory predicts that shock detach-
ment will occur for free-stream Mach numbers greater than approxi-
mately three (see Chart 5 in Ref. 55), the present analysis utilizes the
findings of Fig. 6 in the paper by Matthews, et al. (Ref. 43) that a rea-
sonable approximation to the local shock angle may be obtained by sim-
ply adding from five to eight degrees to the local total flow deflection
angle. Such a procedure is also valid for delta wings at high incidence,
as shown in Fig. 21 in Bertram and Henderson (Ref. 24). With the
shock angle determined in the above manner, the surface pressure may
be calculated by use of classical Newtonian theory evaluated at the local
total flow deflection angle

E =1+ yM”2 sin? g, (112)
which is applicable at high angles of incidence in a hypersonic flow as
shown by Bertram and Henderson (Ref. 24), as well as Barber (Ref. 49).
Other approximate techniques, such as modified Newtonian theory, may
be used for determination of the surface pressure based on the prefer-
ence of the individual analyst. With both the shock angle and surface
pressure determined per the above discussion, all other inviscid sur-
face quantities can be determined by crossing the prescribed shock
using oblique shock relations followed by isentropic compression to
surface conditions. Needless to say, this approach is applicable to any
streamline tracing-type analysis.

2.10.3 Delta Wing and General Lifting Body Inviscid Crossflow Parameters

Application of the "strip theory' principle discussed previously in
Section 2. 1 to the determination of the inviscid flow parameters for a
body cross-sectional cut in a plane normal to the z-axis (which physi-
cally corresponds to the stagnation or attachment line) leads to an in-
viscid flow-field model of the type discussed in Appendix B of the report
by Thomas and Perlbachs (Ref. 58) for the case of delta wings at high
angles of incidence in a hypersonic flow. A similar model has been pro-
posed by Nagel, Fitzsimmons, and Doyle (Ref. 50) for delta wing flows.
Basically, these two approaches are as follows.
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Consider a sharp, flat delta wing at an angle of attack, «, which
generates a shock wave at an angle, Ogpock. to the free-stream flow as
illustrated in Fig. 4. Now assume that the lower surface velocity, W,
in the streamwise z-direction is constant across any cross-sectional
cut of the body at a value equal to that at the centerline, Wgg, which is
determined from the stagnation or attachment line inviscid analysis dis-
cussed in the previous subsection. Further, assume that the inviscid
flow in the plane normal to the lower surface at the leading edge is sonic
and directed outward in the x-direction. Such a model is very reason-
able at high angles of attack in a hypersonic flow where the delta wing
resembles a blunt body in the plane normal to the wing surface, as can
be seen by a careful study of the work by Kennet (Ref. 59) and Pearce
(Ref. 60) for the windward side of a thin, pointed, lifting delta wing with
the shock attached at the vertex but detached at the leading edge. The
key concept in this model is the sonic and outward flow condition at the
leading edge of the delta wing caused by the detached leading-edge shock.

Based on the above inviscid model's having a forced sonic condition
at the leading edge, the present analysis utilizes the one-strip method
of integral relations digital computer code developed by South (Ref. 61)
to calculate the x-direction surface pressure distribution over a body
cross-sectional cut in a plane normal to the z-axis. Basically, the
South analysis involves numerical calculation of perfect gas, inviscid,
supersonic, or hypersonic flow past axisymmetric blunt bodies with
forced sonic corners based on fourth-order Runge-Kutta numerical inte-
gration of a system of ordinary, nonlinear, differential equations de-
rived from application of the one-strip method of integral relations ap-
proach attributed to Dorodnitsyn and Belotserkovskii (Ref. 11, pp. 407-
438). The complete derivation of the governing one-strip method of in-
tegral relations equations as used by South (Ref. 61) may be found in
the report by Xerikos and Anderson (Ref. 62), together with papers
(Refs. 63 and 64) by the same two authors. The "entropy-continuity'
formulation, so-called by Xerikos and Anderson (Ref. 63), is used by
South (Ref. 61) instead of the alternate "'pure-continuity’ formulation
because the former gives somewhat better results than the latter in the
first (one-strip) approximation. The basic South digital computer code
(Ref. 61) includes the following body geometry options:

Circular disk normal to flow.
b. Spherical cap convex or concave to flow.

c. Spherically blunted cones of large half-angle at zero angle
of attack.
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In all cases the location of the singular sonic transition is forced at the
sharp corner of the body. A rough, but general, requirement for the
occurrence of the sonic point at the corner is that the local surface in-
clination should be everywhere greater than that at the regular sonic
point of a full hemisphere.

For application in the present study, the basic digital computer
code of South (Ref. 61) has been modified in the following manner:

1. The termé—srm—9 in Eqgs. (2) and (3) on page 4 of South's re-
o

port (Ref. 61) has been multiplied by a body-type indicator,

j» where j = 1 for an axisymmetric body and j = 0 for a two-
dimensional body. For the two-dimensional case with j = 0,
the initial guess for the stagnation point shock standoff is tak-
en as three times the axisymmetric (j = 1) value built into the
original code. A derivation and discussion of this modification
may be found in Ref. 62.

2. Capabilities for a body geometry consisting of a flat-faced
disk (j = 1) or flat-faced strip (j = 0) having a rounded corner
or shoulder have been added to the original geometry options
listed above. A sketch of the flat-faced body with rounded
corners is shown below for an axisymmetric body.

Py

Sonic Point

Location
r
Yc by b

> -— -

\-

The location of the (natural) sonic point on the rounded shoul-
der is determined from Fig. 5 in the report by Kaattari (Ref.

nS.
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65), which gives the sonic angle ratio ®«/®, sphere 85 @ func-
tion of corner radius ratio r¢/ry for any axisymmetric flat-
faced disk with a rounded shoulder under supersonic or hyper-
sonic perfect gas flow conditions. The sonic angle ®x gphere
for a hemisphere is given by Clark in Ref. 66, Eq. (2} as

23.82
M2

L]

q)*,sphere = 41.44 +

(113)

where ®x gohere has units of degrees. Equation (113} is bas-
ed upon correlation of experimental data on hemispheres in
the free-stream Mach number range from 2 to 20. All of the
experimental results are within 5 percent of the value given
by Eq. (113) for a common Mach number. For truncated flat-
faced bodies with rounded corners, a check is made in the pro-
gram to see if the truncated corner location precedes the pre-
dicted natural sonic point determined by the above procedure.
If so, the program uses the truncated corner location as a
fixed sonic point; if not, the program uses the predicted nat-
ural sonic point location. The same procedure is used for a
two-dimensional body as for the axisymmetric case because
of a lack of corresponding information and experimental data
for a two-dimensional flow. Obviously such a procedure is
not strictly correct, and more work needs to be done in the
two-dimensional area.

It has been shown by numerous authors that the shock shape
and body pressure distributions obtained by the method of inte-
gral relations first-approximation (one-strip) compare excel-
lently with both experimental and more exact solutions; how-

ever, the stagnation point velocity gradient evaluated at

(dUe
dx
x = 0 in the present nomenclature) is considerably higher than
other predictions (see Refs. 67 and 68 for further discussion
of this point). Since the above-discussed inviscid stagnation
point velocity gradient is directly used in the calculation of the
stagnation or attachment line (the z-axis along which x = 0)
boundary-layer parameters of Section 2.7, an alternate method
of calculating the inviscid stagnation point velocity gradient has
been developed for application in the present work. Based on
the inviscid x-direction momentum equation evaluated on the
body surface (y = 0) with the additional restriction from the

"strip theory' principle of Section 2.1 that %Uz_e_= 0, the so-
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called inviscid crossflow velocity , Ug(x), distribution is
determined from

dU

&
PeUe 5 + £ =0 (114)

At the stagnation or attachment line (x = 0) where Ug{x=0)=0

and g—i(x = 0) = 0, the limiting form of Eq. (114) reduces to

[dL'e:| - [_—] sz]
dx x=0 e dxz o (115)

The term pg at x = 0 in Eq. (115) is herein evaluated based
on the inviscid approach of Section 2.10. 2. The derivative

term %;22 at x = 0 is evaluated via numerical differentiation

of the pressure distribution obtained from the South one-strip
method of integral relations with allowance for the fact that
the pressure distribution is symmetric about the point x = 0;
a centered five-point equally spaced Ax-increment numerical
differentiation formula

" = (118)

12(Ax)2
x=0

is herein used following the schematic diagram shown below:

Y
|<_ Ax.,|<_ Ax_,l:_ Axes

' — o =
) 41 o 4] ) X

4_Ax_,

Because of the symmetry of the pressure distribution about
x=0, p_1 = p+1 and p.g = P43 so that Eq. (116) becomes

2= -p. 16p,y - 15p

d Pyg + Pl P

[d ;] " : ) (o
X

-0 6(Ax)2
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which is the final form of the numerical derivative as used in
the present work. It should be noted that the above procedure
is not the only manner in which the inviscid stagnation point
velocity gradient can be computed; Refs. (67) and (68) present
some alternate methods which may be just as acceptable as
the above technique. Furthermore, the above procedure is
used only for external applications; all internal calculations
in the South program (Ref. 61) are self-consistent with the
one-strip method of integral relations formalism.

Application of the above-discussed techniques to calculating the in-
viscid flow field on a lifting body at incidence in a hypersonic perfect gas
flow proceeds in the following manner. For a given z-station location
on the body, a cross-sectional cut in the x-direction (normal to the z-
axis) is performed. The resulting cross-sectional body geometry is fitted
with the most appropriate South program geometry option having either
natural or forced sonic corners with, in either instance, the program
being ""told" where the sonic corner is located. A choice of either axi-
symmetric or two-dimensional body type is made, and a one-strip method
of integral relations solution is obtained based on the component of the
free-stream Mach number normal to the body centerline; i.e., in the nega-
tive y-direction at the desired z-location. The resulting numerical solu-
tion is used only to provide the surface pressure distribution along the
cross-sectional cut in a normalized manner; i.e., p(x)/pg where p
is the inviscid centerline value (pg = p(x = 0)) determined Via the invis-
cid conical flow approach of Section 2. 10. 2 or some other treatment
such as Newtonian theory. With the inviscid centerline (x = 0) quantities
determined in accordance with Section 2. 10. 2, all inviscid surface quan-
tities at any x-location along the cross-sectional cut can be determined
through application of an isentropic expansion from the centerline con-
ditions to the desired x-location pressure. Constancy of total energy
is used to determine the x-direction component of velocity, Ug(x), know-
ing the value of the static temperature, Tg(x), from an isentropic ex-
pansion and the fact that Wo(x) is assumed to remain constant at the
centerline value across the entire cross-sectional cut; i.e.,

Wel(x) = We(x = 0). The inviscid centerline velocity gradient is deter-
mined from the numerical dlfferentlatlon procedure developed in the
previous paragraph.

For the case of a blunt-nosed lifting body at incidence, the effects
of nose bluntness should be included in the inviscid analysis used to
determine the inviscid surface quantities for input to a boundary-layer
analysis. Such would be a very difficult task that would require the
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coupling of a complete three-dimensional inviscid analysis, such as that
reported by Thomas, et al. (Ref. 69) for blunt delta bodies, with a com-
plete three-dimensional boundary-layer analysis. From the practical
point of view adopted in the present work of applying the present invis-
cid techniques to determination of outer edge conditions for input to the
infinite-type body boundary-layer analysis, it must be realized and ac-
knowledged that there is some location on the body downstream of which
the inviscid bluntness effects are confined to a layer, the so-called en-
tropy layer, which is thinner than the viscous boundary-layer; i.e., the
boundary layer is said to have ''swallowed" the inviscid entropy layer.
Beyond this, location the boundary-layer edge conditions are those of a
sharp-pointed body and the results of the present analysis are applicable
and accurate. The physical location of this ""'swallowing' point depends
on the angle of attack and the nose radius, being closer to the nose for
high angles of incidence and small nose radius. Implicit in the use of
the present inviscid and viscous analysis techniques is the assumption
that the boundary layer has completely ''swallowed' the inviscid entropy
layer; therefore, no explicit consideration of nose bluntness and en-
tropy layer "swallowing'' is included in the present work. Comparisons
of the present inviscid treatment with more exact analyses and experi-
mental data will be presented in Section III of the present report.

As should be obvious from the above discussion, the present anal-
ysis technique is restricted to the region 0 € x § x* where x" is the
physical x-location at which the inviscid surface flow becomes sonic.
To extend the present analysis beyond the sonic point location, the sim-
ple Newtonian-type sin2-deficiency method described by Love, et al.
(Ref. 70) can be used. Application of the Love, et al. technique to lift-
ing bodies of the type under present consideration has been reported
by Pappas (Refs. 30 and 31). No attempt has been made in the present
work to extend the numerical calculations past the sonic point location.

It should also be noted that other analyses are currently available for
determination of the inviscid centerline parameters on lifting body geo-
metries at incidence which may be more applicable and accurate than
the present tangent-cone approach under certain conditions. The re-
ports by Kaattari (Refs. 71, 72, and 73) present simple methods for
calculation of the shock inclination and surface pressure distribution
along the windward centerline of a space shuttle orbiter at incidence.
Even if one does choose to use the Kaattari approach over the present
tangent-cone approximation, the basic concept of the present type of
analysis using the South integral relations code requires no change;
only the inviscid centerline quantities are different.
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2.11 RANGE OF APPLICABILITY OF STRIP THEORY

A representation of the flow-field regimes on the windward surface
of sharp-edged delta wings at incidence in hypersonic flow is given in
Fig. C6, page 115, of the report by Thomas and Perlbachs (Ref. 58)
and is reproduced in the present report as Fig. 5. Strip theory as des-
cirbed in Section 2.1 of the present report is basically applicable in the
region bordered by (d¢ =0 =1and Mg = 1, i.e., region 6 in Fig. 5,
which physically encompasses the flow regime in which the dividing
streamline and the body centerline coincide at some angle of attack

(mathematically represented by the condition ( = 1) to a suffici-

¢>

ently large angle of incidence that the windward surface inviscid stream-
wise-directed flow becomes subsonic (mathematically represented by
the condition Mg = 1).

A correlation equation for ( ) based on high angle-of-incidence

d¢'¢=0
hypersonic flow results obtained using the method of integral relations
analysis by Kennet (Ref. 59) is given by Eq. (B16) on page 94 of Ref.

58 as
.- o6 [, ]

where a’ie is the inviscid sonic velocity at the leading edge, Ug g 1is
the inviscid centerline velocity, A is the delta wing sweep angle, "and
v is the ratio of specific heats. Noting that for a perfect gas with con-
stant specific heats undergoing an isentropic expansion,

Ue'% = Me,ﬁ; ae&' (119)
y=1
R 2y y=1 120
f‘ <§2‘) - (0.528) (120)
(A

and upon setting ( = 1, Eq. (118) becomes ( for a ¥ = 1. 40 per-

d¢
fect gas)
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SCCA
[Meﬁ](%) ¢==0 1 = Z.067 (121)

which physically gives the minimum inviscid centerline Mach number
for a given sweep angle, A, at which "'strip theory' should be applicable.
By use of the inviscid tangent-cone flow theory of Section 2. 10. 2, the
above minimum inviscid centerline Mach number can be related to an
angle of attack, @, by matching the Mach number from Eq. (121) to the
inviscid surface Mach number on a sharp cone of half-angle a at zero
angle of incidence. The results of such a procedure are presented in
Fig. 6, which may be interpreted as defining the lower limit of angle
of attack for which "strip theory' is applicable to sharp-edged-delta-
wing-at-incidence flows under hypersonic conditions. Note that three
free-stream Mach number conditions are shown in Fig. 6 to illustrate
that the lower limit of angle of attack is a.weak function of free-stream
Mach number under hypersonic conditions.

Also shown in Fig. 6 is the approximate perfect gas upper limiting
angle of attack curve for which "'strip theory' is strictly valid. This
upper limit curve was obtained from Curve 1 (perfect gas, vy = 1. 40,

M — =)} of Fig. 2, page 10, in the recent report by Pearce (Ref. 60).
Above this upper limit angle of attack the shock detaches from the apex
of the wing and becomes curved. This results in axial gradients along
the wing which are not taken into account by the present ''strip theory'.

Analytical analysis defining the lower angle-of-attack limit for the
validity of "strip theory' on delta planforms having general cross-sec-
tional shapes are not currently available. Available experimental sur-
face pressure and oil flow data for such bodies indicate that windward
surface curvature may reduce the lower angle-of-attack limit below that
shown in Fig. 6. The present "'strip theory'" analysis is thus expected
to be applicable for delta planforms of general cross sections down to
at least the sharp-edged delta wing lower angle-of-attack limit and prob-
ably below this value.

An excellent example of how one may use surface oil flow data ob-
tained via hypersonic wind tunnel testing of complicated lifting body
configurations at high angles of incidence to indicate the body regions
in which the present "strip theory' approach is expected to be applicable
may be illustrated by examination of Fig. 7 taken from Fig. 9c in the
report by Seegmiller (Ref. 74). The body here is the North American
Rockwell (NAR) Delta Wing Orbiter Configuration 129 as tested at 30-
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deg angle of attack in the NASA-Ames 3. 5-Foot Hypersonic Wind Tun-
nel at a Mach number of 7.4 and a free-stream Reynolds number of two
million per foot. As is clearly seen from Fig, 7, the forward one-third
of the windward surface on the NAR Orbiter Configuration 129 is cov-
ered with a smoothly expanding flow of relatively uniform divergence
with the surface flow emanating from the stagnation line {centerline).
The presence of the wing leading edge starting about half-way aft on the
body causes a turning and compression of the expanding flow which be-
comes nearly two-dimensional in appearance over the rear of the body.
Although the fuselage-wing leading edge juncture is smoothly faired, it
is seen from Fig. 7 that a rather complex flow exists over the aft delta
wing portion of the present body which is directly related to the turning
and compression of the expanding flow by the juncture of the wing lead-
ing edge and fuselage. A better idea of the details of surface flow turn-
ing near the fuselage-wing leading edge juncture may be gained from the
oblique view of the windward surface presented in Fig. 8 as taken from
Fig. 4b in the recent report by Cleary (Ref. 75), documenting wind tun-
nel tests of the NAR Orbiter Configuration 134 in the same NASA-Ames
3. 5-Foot Hypersonic Wind Tunnel described above. Note that the flow
over the aft delta wing portion of the 134 configuration in Fig. 8 is much
smoother than the complex aft flow over the 129 configuration in Fig. 7;
this is a direct result of different lower surface spanwise contours on the
two configurations.

The important point from examination of the above-discussed photo-
graphs relative to the applicability of the present ''strip theory' approach
to general lifting body configurations, keeping in mind the criterion for
delta wing flows delineated earlier in this subsection, may be simply
stated as follows:

Strip theory applied to the windward surface of general
lifting body configurations at high angles of incidence in

a hypersonic flow may be expected to be applicable in

the body areas free of external flow interference (such

as shock interference) and where the body planform width
varies slowly and smoothly. The angle of attack must be
sufficiently large that the surface flow emanates from the
stagnation line (centerline) of the body and flows smoothly
outward in a downstream direction over the windward sur-
face.

The assumption made in Section 2. 2 of an infinite extent yawed
cylinder-type turbulent boundary-layer analysis in which the eddy vis-
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cosity is evaluated at the local flow condition appears very questionable
for application to general three-dimensional turbulent flows because of
the failure to include details of upstream boundary-layer "history."
With respect to details of the turbulent motion, the primary restriction
imposed by the above ''local evaluation' assumption is that the charac-
teristics of the turbulent motion be controlled mainly by the immediate
environment. The time and length scales of the turbulent flow may vary
slowly downstream, but if the turbulence time scales are small enough
to permit adjustment to the gradually changing environment, it is pos-
sible to assume that the turbulence is dynamically similar everywhere
if nondimensionalized with local length and time scales; such has been
done in the present analysis (clarify Sections 2.3 and 2. 4 concerning
the turbulent transport and mixing-length models). The physical body
requirement for applicability of the present 'strip theory' approach as
presented in the previous paragraph, namely that the body planform
width must vary slowly and smoothly, is essential for satisfaction of
the above slowly varying time and length scale criterion. The high angle-
of-attack requirement for applicability of the present "strip theory'’,
namely that the surface flow must emanate from the stagnation line
(centerline) of the body and flow smoothly outward over the downstream
windward surface, is responsible for the turbulent motion's being con-
trolled mainly by the local environment providing the boundary layer is
in a fully turbulent state. Examples which verify the foregoing proposed
criterion for basic.applicability of the "strip theory' approach, as well
as the "local evaluation' turbulence treatment, will be given in Section
III of the present report. Similar 'local evaluation' arguments have
been advanced by Adams (Refs. 35 and 36) relative to analysis of the
three-dimensional turbulent boundary layer on a sharp cone at incidence
under supersonic and hypersonic flow conditions.

SECTION Hi
RESULTS AND DISCUSSION

Presentation and comparison of results from the present three-
dimensional inviscid and viscous "strip theory' analysis technique rela-
tive to hypersonic wind tunnel experimental data will be given in this
section. Both laminar and turbulent three-dimensional boundary-layer
flows will be considered for various body geometries (yawed cylinders,
delta wings, and NASA Phase B SS configurations) at high angles of in-
cidence. Assessment of the presently proposed inviscid flow-field anal-
ysis will also be included.
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3.1 YAWED CIRCULAR CYLINDER FLOWS

Certainly one of the simplest of all infinite yawed body flows is the
classical yawed cylinder case. The present subsection will consider
application of the current laminar and turbulent boundary-layer analysis
to yawed circular cylinder flows under supersonic and hypersonic flow
conditions. The yawed circular cylinder geometry and nomenclature
are illustrated in Fig. 3.

The cylindrically blunted leading edge of a sharp-prow delta wing
at zero angle of attack is effectively the same as the stagnation or at-
tachment line of a yawed circular cylinder whose yaw angle is equal to
the sweep angle of the delta wing. Presented in Fig. 9 is a comparison
of the present laminar boundary-layer theory relative to the experimen-
tal data of Everhart and Dunavant (Ref. 27) for the cylindrically blunted
leading edge of a 70-deg sweep delta wing at zero angle of attack under
hypersonic conditions. The agreement between theory and experiment
is excellent for this laminar flow condition. Other comparisons, not
presented herein, of similar laminar boundary-layer flows on yawed
cylinders and cylindrically blunted swept leading edge wings indicate
that the present laminar boundary-layer theory is applicable and accu-
rate under supersonic and hypersonic flow conditions which satisfy the
inviscid requirement of Section 2. 10. 1 that Mn_, = M, cos A > 2.

With respect to analysis of the turbulent boundary layer on yawed
cylinders under hypersonic conditions, Figs. 10, 11, and 12 present
comparisons of calculated and experimental surface pressure and heat-
transfer distributions. As shown in the top portion of Fig. 10, the
Newtonian theory given by Eq. (102) in the present report appears very
acceptable for determination of the surface pressure distribution over
the front half of a yawed cylinder in hypersonic flow. Further, the cal-
culated turbulent heat-transfer-rate distribution shown in Fig. 10 over
the front half of the yawed cylinder is in excellent agreement with the
experimental measurements of Bushnell (Ref. 76). However, note that
the heat-transfer calculations of Fig. 10 are based on the use of a value
A = 0.05 for the outer mixing-length constant in the present three-dimen-
sional eddy viscosity model of turbulence. The results of Fig. 11 also
indicate that A must assume a value of approximately 0. 05 for the cal-
culated heat-transfer rates to agree with the experimental heat-trans-
fer measurements of Fleming and Krauss (Ref. 20) for the stagnation
or attachment line of a yawed cylinder in hypersonic flow. Hunt, Bush-
nell, and Beckwith (Ref. 22) reached the same conclusion regarding the
value of A = 0. 05 for agreement of theory and experiment on a yawed
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cylinder-slab under hypersonic conditions. It should be noted here for
future reference that all of the foregoing discussion. of yawed cylinder
turbulent boundary-layer flows has been concerned with hypersonic con-
ditions in which the free-stream Reynolds number based on cylinder
diameter is in the range 2. 55 x 105 £ Re,, p § 8.5 x 10,

For the highest Reynolds number condition examined by Beckwith
and Gallagher (Ref. 19), namely Re, p = 3.5 x 106, Fig. 12 shows that
the present calculated heat-transfer rates using the value A = 0,09 as
formulated in Section 2. 4 for fully turbulent boundary-layer flows are
in good agreement with the experimental measurements as well as the
turbulent theory developed by Beckwith and Gallagher in Appendix A of
Ref. 19. These findings suggest a free-stream Reynolds number effect
on yawed cylinder turbulent boundary-layer flow development under
supersonic and hypersonic conditions which is in agreement with the
incompressible flow studies of Cumpsty and Head (Refs. 77 and 78), who
found that the stagnation or attachment line flow on a yawed cylinder
bears strong similarity in its behavior to fully developed flow in pipes.
In neither case does there appear to be any instability to small distur-
bances. To produce a turbulent boundary-layer flow there must be a
sufficient disturbance and the Reynolds number, Re, D, must be large
enough. In each case the flow a sufficient distance downstream from
the disturbance is independent of the nature of the disturbance. Hence,
the turbulent boundary layers in Figs. 10 and 11 are probably in some
sort of a transitional state possessing low levels of turbulence intensity.
As the free-stream Reynolds number, Re, D, is increased, the turbu-
lent boundary-layer intensity level will also increase until the boundary
layer reaches a fully turbulent state in which the appropriate outer mix-
ing-length constant is the value A = 0. 09 recommended in Section 2. 4
for fully turbulent boundary-layer flows.

The variation of fully turbulent heat-transfer rate with increasing
yaw angle, as shown in Fig. 12, illustrates an interesting point concern-
ing the use of adiabatic wall temperature in the definition of a heat-trans-
fer coefficient such as Nup ayw. Note that the fully turbulent Stanton num-
ber, St,, based on the flow stagnation temperature, attains a maximum
value at a yaw angle of approximately 30 deg. However, the Nusselt
number, Nup ., based on the adiabatic wall temperature, does not attain
a maximum value until a yaw angle of approximately 40 deg. This dis-
crepancy is caused by the variation of adiabatic wall temperature with
yaw angle, as shown in the middle of Fig. 12, Hence, one must be care-
ful in the physical interpretation of yawed cylinder heat-transfer coef-
ficients based on adiabatic wall temperature; such coefficients may
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give erroneous information as to the yaw angle at which maximum tur-
bulent heating is to be expected.

As is well known and as is clearly shown in Fig. 12, one method of
reducing the level of aerodynamic heating to cylindrically blunted lead-
ing edge wings and fins in the case of a laminar boundary layer is to
sweep the leading edge rearward. For the case of a turbulent boundary
layer, however, Fig. 12 shows that the level of aerodynamic heating
increases with sweep up to an angle of approximately 30 deg and then
decreases. Thus, if the occurrence of turbulent boundary layers is
anticipated, heating can be reduced through use of small sweep angles
or of sweep angles considerably in excess of 30 deg (note that the tur-
bulent heating rates at a sweep angle of 0 and 58 deg are identical in
Fig. 12). For control surfaces the latter approach, involving large
sweep angles, is obviously preferable to the aerodynamic design
since axial drag is also reduced.

Another interesting point to observe from the top of Fig. 12 is that
the present turbulent heat-transfer calculations correctly approach the
calculated laminar values as the yaw angle of the cylinder approaches
zero. Further note that for a sweep or yaw angle of 70 deg, the laminar
adiabatic wall temperature is almost equal to the value for the physical
wall temperature used in all the present calculations (a constant value
of 560°R). The calculated laminar Stanton number distribution at the top
of Fig. 12 reflects this approach to an adiabatic wall condition as the
sweep angle is increased. However, for a sweep or yaw angle of 70 deg,
note that MN, = 4. 15 cos 70 deg = 1. 42 so that the criterion of My, > 2
for the applicability of the inviscid yawed cylinder theory presented in
Section 2. 10.1 is violated,

Illustrations of how to apply Program SLYBBCBL to both laminar
and turbulent boundary layers on the attachment or stagnation line of a
yawed cylinder under hypersonic conditions are given in Appendix V.
Since, in succeeding sections, Program SLYBBCBL will be applied to
calculation of the attachment or stagnation line flows on more general
lifting body configurations, it is well to end this present section with a
short discussion of the physical nature of yawed cylinder flows, which
is important for an understanding of attachment-~line flows in general.
The attachment or stagnation line flow on a yawed cylinder is a special
case of the more general plane-of-symmetry flows discussed in Chap-
ter 4 of Nash and Patel (Ref. 14) and is characterized by the divergence
of the streamlines on either side of the plane of symmetry (see Fig. 13
for clarification). This streamline divergence removes fluid from the
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region adjacent to the plane of symmetry at precisely the rate necessary
to offset its retardation caused by the shear-stress gradient. As a re-
sult, all the properties of the boundary layer, including its thickness,
are invariant with distance along the attachment line, i.e., invariant

in the local direction of flow.

3.2 DELTA WING CONFIGURATIONS
3.2.1 Inviscid Flows

The most successful calculations of inviscid hypersonic flow past
the lower surface of a delta wing at high angles of incidence with a de-
tached shock have been reported by Kennet (Ref. 59) and Pearce (Ref.
60), with Pearce's analysis representing an extension to real gases of
Kennet's earlier perfect gas work. Kennet (Ref. 59) applied the one-
strip method of integral relations to a reduced set of ordinary differen-
tial equations derived from the complete governing Euler equations of
inviscid motion. Upon replacing one of the momentum equations by an
equation expressing the constancy of entropy on the wing surface,
Kennet (Ref. 59) started his outward numerical integration from the
wing centerline with the correct value for the centerline shock stand-
off distance determined by requiring that the sonic singular point occur
at the leading edge through an iterative procedure.

As discussed in Sections 2. 10. 2 and 2. 10, 3, the present work uti-
lizes an approximate technique based on the ''strip theory' approach to
calculate the inviscid quantities required for input as edge conditions to
the present boundary-layer analysis. Recall from Section 2. 10. 2 that
inviscid centerline quantities are determined from application of either
inviscid conical flow theory (applied in a tangent-cone sense) or some
other approach. The South one-strip method of integral relations anal-
ysis (Ref. 61) is used to determine the spanwise pressure distribution
over a body cross section normal to the centerline with the normal (to
the body) component of the free-stream Mach number being used as an
"effective' free-stream Mach number which, of course, is a function of
body angle of attack. With the spanwise pressure distribution known
(in the normalized form p/pg), as well as the centerline inviscid prop-
erties determined via tangent-cone theory or otherwise, an isentropic
expansion in conjunction with constancy of total energy is used to cal-
culate all of the required inviscid properties over the body cross sec-
tion of interest. It is now in order to evaluate this approximate tech-
nique applied to sharp-leading-edge-delta-wing-at-incidence flows rela-
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tive to the more exact analyses by Kennet (Ref. 59) and Pearce (Ref. 60),
as well as experimental data in the form of spanwise pressure distri-
bution.

Presented in Fig. 14 is a comparison of the present approximate
inviscid analysis technique for calculation of the surface pressure dis-
tribution relative to both experiment and theory as taken from Fig. 5 in
the paper by Kennet (Ref. 59) for Mach 6. 08 hypersonic flow past the
windward surface of an 80-deg sweep sharp-leading-edge delta wing at 60-
deg angle of attack. Calculated results for both an axisymmetric (j = 1)
flat-faced disk and a two-dimensional (j = 0) flat-faced strip are includ-
ed in order to assess which type body is most applicable to delta wing
flows. As can be seen from Fig. 14, the present approximate "strip
theory' analysis using South's method of integral relations program
(Ref. 61) is in excellent agreement with both experiment and Kennet's
theoretical caluclations, providing the body is taken to be axisymmetric
(j = 1), i.e., a flat-faced disk approximation. A two-dimensional (j = 0)
flat-faced strip body approximation results in a somewhat lower value
for the surface pressure over the majority of the wing's span, as shown
in Fig. 14. It is to be noted that the calculated centerline surface pres-
sure used in the present treatment is based upon application of classical
Newtonian theory for this 60-deg angle-of-attack condition. The impor-
tant conclusion from Fig. 14 is that an axisymmetric-type body approxi-
mation, i.e., a flat-faced disk, appears to be the more appropriate body
choice when used in conjunction with the South one-strip method of inte-
gral relations for determination of the spanwise pressure distribution on
sharp-edged delta wings at high angles of incidence in a hypersonic flow.

Further evidence that the flat-faced disk (axisymmetric body) is the
more appropriate type of body approximation is given in Fig. 15 based
on comparison of calculated spanwise shock shapes on a 75-deg sweep
sharp-leading-edge delta wing at 60-deg angle of incidence in a Mach 9.6
hypersonic flow. The flat-faced disk shock shape based on application
of South's one-strip method of integral relations (Ref. 61) is seen to be
in good agreement with the shock shape from Kennet's delta wing anal-
ysis (Ref. 59) over most of the span. Also shown in Fig. 15 for com-
parison is the shock shape from the Newtonian-type analysis by Cole
and Brainerd (Ref. 25). The two-dimensional-type body approximation
used in conjunction with the South method of integral relations analysis
results in a substantially larger shock stand-off distance (an increase
of almost a factor of two) compared with the axisymmetric body approxi-
mation, as can be seen from Fig. 15,
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Additional comparisons of the present approximate ''strip theory"

approach toward calculation of delta-wing-at-incidence inviscid flow
fields relative to the more exact analysis by Pearce (Ref. 60) are pre-
sented in Figs. 16 and 17. For the 75-deg sweep sharp-edged delta
wing at 60-deg angle of attack shown in Fig. 16, the present flat-faced
disk approximation is in good agreement with the numerical results from
Fig. 20 in the report by Pearce (Ref. 60) with respect to spanwise sur-
face pressure and density distributions; the streamwise-directed velo-
city (We) distribution is also in reasonable agreement between the two
analyses. The most significant discrepancy is seen in the crossflow
velocity (Ug) distribution, with the present flat-faced-disk approximation
yielding a slightly higher velocity than the more exact results of Pearce.
It should be noted, however, that there are small inconsistencies in the
surface coordinate system used by Pearce (Ref. 60) and the present work,
which will influence the strict relative interpretation of Figs. 16 and 17.
It should also be noted that the present approximate '"strip theory' cal-
culations presented in Fig. 16 are based on the use of classical New-
tonian theory for the centerline pressure, as well as on the use of a
centerline shock angle of 67.5 deg to calculate the inviscid centerline
density and streamwise-directed velocity.

Similar comparisons are presented in Fig. 17 for the case of an
85-deg sweep sharp-leading-edge delta wing at 30-deg angle of attack in
a Mach 7. 4 flow. As shown in Fig. 13 on page 29 of the report by
Pearce (Ref. 60), the centerline shock angle for this particular highly
swept delta wing at 30 deg angle of attack is about 32. 5 deg, whereas
inviscid conical flow (tangent-cone theory) gives a value of approximately
34 deg. Hence, the 'strip theory' calculations presented in Fig. 17 are
based on the following two assumptions as to the type of presently applied
inviscid centerline analysis:

1. Inviscid conical flow (tangent-cone) analysis.

2. Assumption of shock parallel with surface in conjunction
with classical Newtonian surface pressure.

By this choice of analyses the centerline shock angle of 32,5 deg as re-
ported by Pearce (Ref. 60) is bracketed; i.e., the centerline shock
angle is 30 deg under the parallel shock assumption and approximately
34 deg under the inviscid conical flow tangent-cone assumption. The
comparisons of Fig. 17 indicate that the analysis by Pearce (Ref. 60)
is indeed bracketed by the present approximate "strip theory' approach
with respect to the spanwise surface pressure distribution and the
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streamwise-directed velocity, We. However, the crossflow velocity,
Ue, for both of the present "strip theory' treatments is slightly larger
than the value reported by Pearce (Ref. 60) at a common span location.
The mismatch in surface coordinates between the present work and that
of Pearce is very small for this particular case because of the large
sweep angle of the delta wing. The following subsection on viscous
delta wing flows will present heat-transfer results for this particular
delta wing configuration and flow conditions in which the effects of the
above two assumptions as to the type of inviscid centerline flow will be
ascertained as to their effect on calculated heat-transfer rates.

One of the most important inviscid centerline quantities required
for input to the present stagnation line boundary-layer analysis (Pro-
gram SLYBBCBL in Appendix IV) is the inviscid stagnation line velocity

. dUe
gradient [ O

numerical differentiation procedure of Section 2. 10. 3 based on the flat-
faced-disk approximation for calculation of the sharp leading edge delta
wing spanwise pressure distribution. The classic paper by Bertram
and Henderson (Ref. 24) suggests that the stagnation line inviscid velo-
city gradient for sharp-edged delta wing flows at high angles of inci-
dence under hypersonic conditions be represented by the equation

[dUe] _ 0.745a, ¢ (122)
x=0

dx »

2x

]x=0‘ which can be numerically evaluated following the

where age g is the local speed of sound based on the local inviscid cen-
terline temperature; i. e., for a perfect gas,

a,¢ = V¥RT, ¢ (123)
and x* is the local spanwise distance from the delta wing centerline to

the sharp leading edge at the axial body location of interest as sketched
below.

X
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The justification for the use of Eq. (122) to represent the stagnation line
inviscid velocity gradient is based on the earlier work of Bertram,
Feller, and Dunavant (Ref. 23), who arrived at this expression by cor-
relating the inviscid velocity distributions on flat-faced cylinders as
calculated from experimental pressure distributions. References 23
and 24 also indicate that the effects of corner roundings, i.e., a flat-
faced cylinder with rounded shoulders, can be well-approximated by
adding another term representing the rounding to the right-hand side of
Eq. (122).

For the present work based on application of South's one-strip method
of integral relations applied to flat-faced disk flows for caluclation of
the spanwise pressure distribution on sharp-leading-edge delta wings at
high angles of incidence, it has been found (based on analysis of a large
number of hypersonic flow calculations) that the constant 0.745 in Eq.
(122) should be changed slightly to the value 0. 78; i.e.,

[duc] AR (124)
x=0

dx *

2x

It should be noted that the value 0. 78 is based on the use of a constant

v = 1. 40 perfect gas model in the South one-strip method of integral re-
lations analysis (Ref. 61); use of a different v, say v = 1. 20 for ''faked"
real gas flows, will result in a different numerical value for the con-
stant term in question. It should be further noted that the numerical
value 0. 78 is based on the free-stream Mach number range 10 € M, £ 20
and angle-of-attack range 30 to 50 deg using inviscid conical flow (tan-
gent-cone) centerline parameters following Section 2.10.2. For a
free-stream Mach number of 5 at 50-deg angle of attack, the South anal-
ysis indicates that the numerical constant should be approximately 0. 75,
which is in excellent agreement with the value 0. 745 proposed by Refs.
23 and 24. In this connection the experimental data used by Bertram,
Feller, and Dunavant (Ref. 23) to evaluate their constant 0. 745 is based
on the free-stream Mach number range 3.55 $ M, S 6.2, as shown in
Fig. 20 of Ref. 23. Hence, it may be recommended that the numerical
value 0. 745, as in Eq. (122), be used for low hypersonic Mach number
flows, whereas the constant 0. 78, as in Eq. (124), should be used for
high Mach number flows; in both cases the flow must be a v = 1. 40 per-
fect gas flow. Equation (124) for high Mach number flows is built into
Program SLYBBCBL of Appendix IV as one of the stagnation line invis-
cid velocity gradient input options. No attempt has been made in the
current work to modify Eq. (124) to reflect corner rounding as discussed
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in the previous paragraph relative to the analyses of Refs. 23 and 24.
However, note the possibility of using an "effective” x* value in Eq.
(124); more will follow on this subject relative to application of Egq.
(124) to general lifting body geometries.

3.2.2 Boundary-Layer Flows

In the current subsection comparisons will be made between surface
heat-transfer rate and surface flow angle calculations based on the pres-
ent three-dimensional boundary-layer analysis relative to experimental
measurements taken on various delta wing geometries at incidence in
hypersonic wind tunnel flows. The range of delta wing sweep angle cov-
ered is 73 to 85 deg with both laminar and turbulent boundary-layer flows
being considered.

Experimental centerline heating rates for an 85-deg sweep sharp-
edged delta wing at various angles of incidence in a Mach number 7. 4
flow are shown in Fig. 18, These data were obtained from Fig. 8 in
the report by Lockman (Ref. 79) and were taken in the NASA-Ames 3. 5-
Foot Hypersonic Wind Tunnel over the free-stream unit Reynolds num-
ber range from one million to six million per foot. Also shown in Fig.
18 are laminar heating rate calculations based on the present three-
dimensional laminar boundary-layer theory using the two different in-
viscid flow models relative to Fig. 17 discussed in the previous sub-
section. Over the angle-of-attack range from 15 to 70 deg, the calcu-
lations based on the Newtonian pressure - parallel shock inviscid flow
model are in excellent agreement with the experimental data; calcula-
tions based on the conical inviscid flow model fall toward the upper limit
of the data spread band. Note particularly from Fig. 18 that the present
"strip theory' approach appears to yield accurate and applicable results
over the entire angle-of-attack range from 15 to 60 deg. Comparison
of these results with the expected range of validity for "strip theory"
application on an 85-deg sweep delta wing as given in Fig. 6 (which is
based on the discussion in Section 2. 11 of the current report) indicates
that Fig. 6 can be applied with some confidence to highly swept-delta-
wing-at-incidence flows.

Spanwise heating rate data for the 50-deg angle-of-attack condition
in the above-referenced experimental investigation by Lockman (Ref.
79) are compared in.Fig. 19 with results from the present three-dimen-
sional laminar spanwise boundary-layer analysis. The identical center-
line inviscid flow models of Figs. 17 and 18 are used in conjunction
with a flat-faced-disk spanwise pressure distribution following Fig. 17
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for inviscid input to the boundary-layer analysis. Good agreement be-
tween the present "strip theory' approach and experiment is shown in

Fig. 19 with the calculated results assuming the Newtonian pressure-

parallel shock model in best agreement with the experimental data.

Comparisons of experimental (oil flow) spanwise surface flow angles
from Ref. 79 are presented in Fig. 20 relative to calculated surface flow
angles from the present three-dimensional laminar boundary-layer anal-
ysis for the same 50-deg angle-of-attack condition as that of the above
spanwise heating comparison. As is obvious from examination of Fig.
20, the experimental dat{ are in best agreement with the calculated re-
sults assuming the Newtonian pressure-parallel shock model. It is in-
teresting to observe from Fig. 20 that over the 10- to 90-percent semi-
span region, the calculated surface flow angle, wg, is approximately a
factor of two larger than the calculated inviscid edge angle, w,, based
on a common semispan location and inviscid flow model.

One of the more complete experimental investigations into the ef-
fects of angle of attack on boundary-layer transition for the case of
hypersonic flow past an 80-deg sweep delta wing has been documented
by Stultz and Fehrman (Ref. 80) in the form of a detailed data report.
The test series was conducted in the AEDC-VKF Hypersonic Wind Tun-
nel (B) at a free-stream Mach number of 8 under high Reynolds number
conditions. To provide sufficient coverage of the three-dimensional
transition patterns, the phase-change paint technique for determination
of the local heat-transfer rate was used for all tests. The basic shape
tested was the delta planform with an 80-deg sweep angle as mentioned
above; the nose and leading edges of the wing were very slightly blunted
and for practical purposes may be considered sharp. Further details of
the test program and model geometry may be found in Ref. 80. Present-
ed in Fig. 21 is a comparison of calculated centerline heat-transfer
rates based on the present three-dimensional laminar and turbulent
boundary-layer analysis (using the "strip theory' approach in conjunction
with inviscid conical flow edge conditions) relative to the experimental
measurements as tabulated in Appendix A of Ref. 80. For the 30-deg
angle-of-attack condition, boundary-layer transition occurs over the
front one-third of the body, with fully turbulent flow over the aft section.
As can be seen from Fig. 21, the present "strip theory' approach for a
fully turbulent (A = 0. 09) boundary layer and the experimental data from
Group 44 of Ref. 80 are in excellent agreement. For the 50-deg angle-
of-attack condition in Fig. 21, note that natural boundary-layer transi-
tion occurred for the Group 54 condition, whereas the Group 55 data
(which was a repeat run) appeared to be "tripped" at approximately 8 in.
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from the apex. A complete discussion of boundary-layer 'tripping"
under high angle-of-attack conditions will be given later in the present
report. Suffice it to say for the present that, because of its thinness,
the three-dimensional laminar boundary layer is extremely easy to
"trip" under high angle-of-attack conditions; a paint speck or model
joint provides sufficient roughness for "tripping, "' as will be demon-
strated later in this report. Relative to the natural transition results
for Group 54 in Fig. 21, note that centerline boundary-layer transition
started at the location z & 12. 5 in., with fully turbulent heating rates
(which indicates the end of transition) attained at the location z =22 in.
The ratio of z-distance for inception of fully developed turbulent flow

to the z-distance for transition onset based on the above results yields

a value slightly less than two, which is in good agreement with the sug-
gestion by Masaki and Yakura (Ref. 81) that a value of two appears rea-
sonable under supersonic and hypersonic flow conditions; this length
factor ratio is a function of the local edge Reynolds number at onset of
transition and appears to decrease as the onset Reynolds number in-
creases, as shown in Fig. 9 of the recent paper by Kipp and Masek (Ref.
7). Returning to further discussion of Fig. 21 in the present report, -
the present three-dimensional laminar and turbulent boundary-layer
calculations are in excellent agreement with the experimental data, both
laminar and turbulent, for the 50-deg angle-of-attack condition. Note
that, for example, at the z = 10, 0-in. centerline location the calculated
turbulent heat-transfer rate is a factor of three greater than the corres-
ponding laminar value, which clearly justifies the vehicle designer's
concern over the exact body location where boundary-layer transition
begins under high angle-of-attack conditions.

With respect to centerline location of the onset to boundary-layer
transition, Section 2.8 of the present report discusses the windward
centerline onset to transition correlation parameter (TP) proposed by
Masek (Ref. 42) based on examination of existing delta-wing-at-incidence
transition data from hypersonic wind tunnel tests. Presented in Fig. 22
is the calculated Masek transition parameter variation along the wind-
ward centerline of the present 80-deg sweep delta wing at 50 deg angle
of attack based on the current three-dimensional laminar boundary-
layer "strip theory' approach. As shown previously in Fig. 21, natural
transition onset occurred at the centerline location z &12.5 in. for the
present flow condition. From Fig. 22 the numerical value of the calcu-
lated transition parameter at z = 12.5 in. is approximately 16. 5, which
is in reasonable agreement with the 50-deg angle-of-attack transition
parameter value from the correlation curve given in Fig. 8 of Ref. 1.
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One of the now classical sources of information concerning delta-
wing-at-incidence flows under hypersonic conditions is the NASA report
by Nagel, Fitzsimmons, and Doyle (Ref. 50), which contains both experi-
mental data and theoretical calculations obtained during the X-20 (Dyna-
Soar) program. Reference 50 includes surface pressure, heat-transfer,
oil flow, and shock angle measurements taken in various hypersonic
wind tunnel facilities, as well as calculated laminar and turbulent bound-
ary-layer results based on the so-called Boeing ppuy three-dimensional
boundary-layer theory developed by Richard A. Hanks of The Boeing
Company in the course of the X-20 program. Full documentation of the
pruy approach may be found in Refs. 50, 82, and 83, which include com-
parisons with experimental data. These references establish that the
pruyr method for estimating both laminar and turbulent heating rates is
well substantiated by experimental data obtained on several body con-
figurations for a wide range of test conditions. Figure 23 presents a
comparison of the present three-dimensional turbulent boundary-layer
approach relative to results from the Boeing turbulent pruy method for
the case of a 73-deg-sweep delta wing at 40-deg angle of attack in a
Mach 7, high Reynolds number flow. Also included in Fig. 23 are ex-
perimental data from Fig. 51f in Ref. 50. Since the delta wing under
examination has cylindrically blunted leading edges of diameter 0. 332 in.,
the present calculations using the ''strip theory" approach are based on
a flat-faced-disk-with-rounded-corners approximation using the South
one-strip method of integral relations to determine the spanwise pres-
sure distribution for a given centerline location per the approach of Sec-
tion 2.10.3 in the current report; inviscid centerline quantities are bas-
ed on the use inviscid conical flow theory for the present 40-deg angle-
of-attack condition. As can be seen from Fig. 23, the present three-
dimensional turbulent boundary-layer calculation (using A = 0.09) is in
good agreement with the Boeing turbulent pyu,. method and both are in
reasonable agreement with the experimental data (note that the experi-
mental data has been obtained by "tripping'' the boundary layer.)

Corresponding spanwise surface flow angle results for a slightly
larger (leading edge diameter of 0. 90 in.) 73-deg-sweep delta wing at
45-deg angle of attack under the same free-stream conditions as above
are presented in Fig. 24. The experimentally determined surface flow
angles are based on oil flow results with the boundary layer "tripped"
to turbulent flow near the apex of the wing. Note from Fig. 24 that the
spanwise station of interest is at a centerline location {(z/D = 6. 71)
which should be sufficiently aft of the "trip" location to remove any
"trip" effect on the data. As can be seen from Fig. 24, the present
three-dimensional turbulent boundary-layer calculation is in good agree-
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ment with the oil flow measurements over the entire span up to and in-
cluding the leading edge shoulder. Using the 80-percent semispan loca-
tion as an example, observe from Fig. 24 that the calculated surface
flow angle, wg, based on the present three-dimensional turbulent bound-
ary-layer 'strip theory' approach yields a value of approximately 13 deg,
whereas the corresponding calculated external flow angle, we, at the edge
of the boundary layer is about 10 deg. These results illustrate quite
clearly that the amount of turning by the three-dimensional turbulent
boundary layer relative to the inviscid outer edge flow direction is no-
where near as large as for the case of a laminar boundary layer such as
that previously presented in Fig. 20 of the present report. It should be
noted that the method of calculation used for the above-discussed example
is identical in all respects to the method described in the previous para-
graph, i.e., the spanwise pressure distribution determined from the
South one- strip method of integral relations for a flat-faced disk with
rounded corners in conjunction with inviscid conical flow values for the
inviscid centerline parameters.

An example of how to apply Program SLYBBCBL of Appendix V to
the case of a fully turbulent boundary layer at the centerline location
z/D = 12.5 on the 73-deg-sweep delta wing of Fig. 23 at 40-deg angle
of attack is given in Appendix V. For purposes of illustration the delta
wing has been assumed to have sharp leading edges so that Eq. (124) of
the previous subsection can be used for calculation of the inviscid stag-
nation line velocity gradient; such is a good approximation since the
delta wing of Fig. 23 is only very slightly blunted (leading edge diameter
of 0.332 in.). Comparison of the present output with the more exact cal-
culation in Fig. 23 shows almost identical agreement, which illustrates
that for slightly blunted leading edge delta wings at incidence application
of Program SLYBBCBL as if the body had sharp leading edges will yeild
very acceptable results. Such usage is very beneficial for engineering
studies, since the intermediate step of determining a spanwise pressure
distribution based on the South one-strip method of integral relations is
hereby eliminated.

A recent investigation performed in the AEDC-VKF Hypersonic
Wind Tunnel B at Mach 8 was concerned with location of three-dimen-
sional boundary-layer transition fronts on a blunt-nosed 75-deg-sweep
delta wing at high angles of attack based on heat-transfer measurements
via the phase-change paint technique. The results of this investigation
(which was sponsored by NASA as part of the Phase B SS program) are
fully documented in Ref. 84, which includes data for 20-, 40-, and 60-
deg angle-of-attack conditions, as well as two different free-stream
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Reynolds number conditions. The particular delta configuration was
designed by the NASA Langley Research Center and is designated in
Ref. 84 as the NASA LRC-DB; full details of the model are given in
Fig. 1 of Ref. 84, For the present it should be noted that the delta
wing was blunt-nosed with cylindrically blunted leading edges of radius
0. 675 in. Comparisons between the present three-dimensional laminar
and turbulent boundary-layer analysis based on the "strip theory' ap-
proach relative to the experimental measurements of Ref. 84 for the
40-deg-angle-of-attack, high Reynolds number condition (Group 348 in
Ref. 84) are presented in Fig. 25. As is obvious from the figure, agree-
ment between the present three-dimensional boundary-layer theory and
experiment is excellent for both the centerline and spanwise (body loca-
tion z/L = 0. 5) heating rate distributions. Note that the approximate
factor of two between end of transition and onset of transition distances
as discussed previously with respect to the 80-deg-sweep delta wing of
Fig. 21 is also applicable for the present 75-deg blunted delta, as can
be seen from the centerline heat-transfer distribution in Fig. 25. Fur-
ther note the different character of a spanwise turbulent heat-transfer
distribution (heating rate constant over the majority of the span and de-
creasing as the leading edge is approached) as shown in Fig. 25 and a
spanwise laminar heat-transfer distribution (fairly constant heating rate
near the centerline but increasing as the leading edge is approached) as
presented previously in Fig. 19. This behavior is due to the difference
in flow acceleration effects on the three-dimensional laminar and tur-
bulent boundary layer in regions of strong favorable pressure gradient
such as near the leading edge of a delta wing.

Examples of how to apply Program SLYBBCBL of Appendix IV to
the 75-deg swept delta wing flow of Fig. 25 for a laminar boundary layer
at the centerline location z/L = 0.2 and a turbulent boundary layer at
the centerline location z/L = 0.5 are given in Appendix V. All of the
necessary inviscid input has been calculated based on use of the South
one-strip method of integral relations for a flat-faced disk with rounded
corners having a natural sonic point in conjunction with inviscid conical
flow values for all the necessary inviscid centerline parameters. Note
that the example for a laminar boundary layer is at a 60-deg angle-of-
attack condition, whereas the turbulent boundary-layer example corre-
sponds to the 40-deg, z/L = 0.5 centerline location in Fig. 25.
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3.3 NORTH AMERICAN ROCKWELL (NAR) DELTA WING ORBITER
CONFIGURATION 161B

One of the NASA Phase B SS designs tested extensively in the AEDC-
VKF Hypersonic Wind Tunnel (B) at Mach 8 was the North American
Rockwell (NAR) Delta Wing Orbiter Configuration 161B (0. 009 scale).

A side and windward planform view of this configuration is shown in Fig.
26; more complete details of the body geometry can be found in Refs.

85 and 86, which document the data taken during the AEDC wind tunnel
tests. A recent report by Lockman and DeRose (Ref. 87) documenting
the NASA-Ames Research Center wind tunnel tests on the same configu-
ration includes detailed body cross sections at various z/L locations
along the body. As can be seen from Fig. 3d of Ref. 87, the NAR Orbi-
ter Configuration 161B windward surface cross-sectional shapes can be
well represented in the axial coordinate range 0.1 < z/L < 0.5 by a flat-
faced body with rounded shoulders having a natural sonic point; between
z/L =0.5andz/L = 0.7, a flat-faced body with rounded shoulders ap-
proximation having a forced sonic point at the leading edge appears rea-
sonable. For z/L > 0.7 the delta wing is sweeping out from the body
and the "strip theory' approach of the present analysis is not applicable
as discussed in the following paragraph.

With reference to the NAR Orbiter Configuration 161B windward
planform geometry shown in Fig. 26, note that in the range 0.1 <2z/L
< 0. 6 the planform is essentially a highly swept delta wing of sweep
anglé 81.5 deg. For z/L > 0. 6 the planform is a delta wing of 60-deg
sweep. At a z/L location of approximately 0. 6 there is a discontinuity
in body planform geometry. With respect to the ''strip theory' princi-
ple discussed in Section 2.1 of the present report, an aspect ratio (AR)
typical of the forward delta planform (z/L < 0. 6) may be defined as

20
AR=T=5

where the number 20 is the approximate total length (in inches) of the
model and the number 4 is the approximate planform width (in inches)
of the model at the z/L = 0. 6 station. Furthermore, the forward delta
planform (z/L < 0. 6) satisfies the body smoothness criterion of Section
2.1 in that the body planform depends smoothly on the z-coordinate in
the range 0.1 < z/L. < 0.6. Since AR >> 1 and AR sin @ >> 1 (providing
the angle of attack, e, is greater than about 25 deg, as shown in Fig. 6
for applicability of "strip theory' to an 81.5-deg sweep delta wing) in
conjunction with the body smoothness property, it is to be expected that
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the "strip theory' approach is applicable to the windward surface NAR
Orbiter Configuration 161B in the axial coordinate region 0.1 < z/L <
0.6 under hypersonic flow conditions. With the discontinuity in body
planform at z/L = 0.6 to a delta wing of 60-deg sweep which has a mini-
mum aspect ratio of

-
=<}
i
15
[

1.67

based on the maximum width of the model, the '"strip theory' approach
is not expected to "work' for the present configuration in the region
z/L £ 0.7. As discussed previously in Section 2. 11 with respect to del-
ta wing flows in general, the ''strip theory' approach is not expected to
be applicable to a 60-deg sweep delta wing under hypersonic conditions
except at extremely high angles of attack approaching 60 to 70 deg.
Hence, all of the suceeding analysis of the NAR Orbiter Configuration
161B will be restricted to the region 0.1 € z/L £ 0.7, where it is be-
lieved that ''strip theory'" should be applicable, providing the angle of
attack is greater than about 25 deg.

To assess the accuracy and applicability of the inviscid centerline
theories presented in Section 2. 10. 2 for application to lifting body con-
figurations using flow concepts, Fig. 27 shows a comparison of both
inviscid tangent-cone and classical Newtonian theories relative to the
experimental centerline pressure measurements of Ref. 85 on the NAR
Orbiter Configuration 161B in the angle-of-attack range 20 deg S & $ 50
deg under Mach 8 hypersonic flow conditions. At the lower angles of
attack, inviscid tangent-cone theory is in good agreement with the ex-
perimental data. At the highest angle of attack (50 deg), the experi-
mental measurements are approximately five percent above the invis-
cid tangent-cone theory and about ten percent above classical Newtonian
theory. These results indicate that inviscid tangent-cone theory is in-
deed adequate for estimation of windward centerline pressure on lifting
body geometries such as the NAR configuration in the angle-of-attack
range from 20 to 50 deg under hypersonic conditions. As shown by Fig.
28, inviscid tangent-cone theory is also adequate for estimation of wind-
ward centerline shock angles on the present NAR configuration in the
angle-of-attack range from 20 to 50 deg. This means that inviscid tan-
gent-cone theory should, in general, provide reasonable estimates of
the windward centerline inviscid flow-field parameters needed for input
to the present boundary-layer analysis in the angle-of-attack range from
20 to 50 deg under hypersonic conditions.
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To calculate heating rate distributions on the NAR configuration,
body cross-sectional cuts were made at z/L = 0.3, 0.5, and 0.7, and the
spanwise pressure distribution at these locations was determined via the
method of Section 2.10.3. Figure 29 shows the results of this approach
for the body station z/L = 0. 3 on the NAR Orbiter Configuration 161B at
30-deg angle of attack in a Mach 8 hypersonic flow. Note from Fig. 29
that the windward cross-sectional shape has been approximated by a
flat-faced body with rounded corners having a natural sonic point location
determined per Section 2. 10. 3 for an axisymmetric body, i.e., a flat-
faced disk with rounded shoulders. Further note from Fig. 29 that the
discontinuity in body cross-sectional curvature at the flat-corner juncture
point is reflected in the pressure distribution as a discontinuity in the
pressure gradient S,B{ . It should be noted that the spanwise pressure
distributions at z/L-= 0. 3 for both the 40- and 50-deg angle-of-attack
cases are almost identical with the 30-deg case of Fig. 29. The x* lo-
cation of the sonic point is shifted slightly upstream as the angle of at-
tack is increased because of the change in the normal (to the body) com-
ponent of the free-stream Mach number, which becomes the "effective"
free-stream Mach number for purposes of the calculation procedure.
No experimental spanwise pressure distributions were reported in Ref.
85 for the NAR Orbiter Configuration 161B, and, to the author's know-
ledge, no experimental spanwise pressure distribution data exist in the
literature for this body.

Heating rate distributions calculated from the present three-dimen-
sional laminar and turbulent boundary-layer analysis (using inviscid
tangent-cone theory for the determination of windward centerline invis-
cid flow parameters in conjunction with the spanwise pressure distri-
bution determined as discussed in the previous paragraph) are presented
in Figs. 30 and 31 relative to the experimental measurements of Ref. 86
for the NAR Orbiter Configuration 161B. Figure 30 gives the windward
centerline Stanton number distributions for both laminar and turbulent
boundary layers at 30-, 40-, and 50-deg angles of attack under AEDC-
VKF Tunnel B high Reynolds number conditions. The turbulent data
(shown as closed or darkened symbols) were obtained using carborundum
grit placed on the windward surface to "trip" the boundary layer; see
Ref. 86 for a discussion of this technique. All of the experimental heat-
transfer data of Ref. 86 were taken using the thin-skin thermocouple
technique under relatively cold wall (TW/TO,Q = 0. 4) conditions. The
calculations were performed for the z/L = 0.3, 0.5, and 0.7 stations
discussed in the previous paragraph, and the theoretical lines shown in
Fig. 30 are fairing through the three calculated values. In general, good-

59



AEDC-TR-73-2

to-excellent agreement between theory and experiment is observed for
the windward centerline heat-transfer distributions at all three angle-
of-attack conditions and both laminar and turbulent boundary layers.
Note that boundary-layer transition occurred rather abruptly between
z/L = 0.55 and 0. 60 in both the 40- and 50-deg angle-of-attack cases.
A model joint existed at z/L = 0. 57, and although no measurements
were obtained to quantify the amount of body mismatch at this location,
it can be surmised that boundary-layer transition was promoted by the
joint. Furthermore, it should be noted that all turbulent boundary-
layer calculations are based on the use of an outer mixing-length con-
stant A = 0,09, i.e., a fully turbulent boundary layer.

The spanwise Stanton number distributions for both laminar and
turbulent boundary layers at the body station location z/L = 0. 3 on the
NAR Orbiter Configuration 161B at 30-, 40-, and 50-deg angles of at-
tack under AEDC-VKF Tunnel B high Reynolds number conditions are
given in Fig. 31. Note that this body location corresponds to the span-
wise pressure distribution of Fig. 29 discussed previously. As can be
seen from Fig. 31, good-to-excellent agreement between the present
three-dimensional boundary-layer theory and the experimental meas-
urements of Ref. 86 is observed for the case of a fully turbulent bound-
ary layer at all three angle-of-attack conditions. In addition, the agree-
ment between the present three-dimensional laminar boundary-layer
theory and experiment is excellent for the 50-deg angle-of-attack case.
For the 30- and 40-deg angle-of-attack conditions, the laminar theory
is in good agreement with exper1ment on the body centerline and at the
spanwise location x/x* = 0. 4; at x/x* =~ 0. 65 the measured heat-trans-
fer rate is some 15 to 25 percent greater than the corresponding calcu-
lated laminar value. Reference to the bottom portion of Fig. 31 shows
that the crossflow Reynolds number, X, is in the range 100 < X < 200 at the
spanwise location x/x = 0. 65 for both the 30- and 40-deg angle-of-attack
conditions; X =90 for the 50-deg angle-of-attack case. As discussed in
Section 2. 8 of the present report concerning ¢rossflow-dominated three-
dimensional boundary-layer transition,

X < 100——>Laminar Boundary Layer

100 £ X s 200—=Vortex Formation and Transitional
Boundary Layer

X > 200—Turbulent Boundary Layer

Hence, the boundary layer at the spanwise location x/x* 2 0. 65 for both
the 30- and 40-deg angle-of-attack conditions may be in a transitional
state because of three-dimensional crossflow-dominated laminar bound-
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ary-layer instability. At 50-deg angle of attack the laminar boundary
layer remains stable to three-dimensional disturbances and does not
undergo crossflow-dominated transition. Further observe from the
lower portion of Fig. 31 that for a given spanwise location, increasing
the body angle of attack serves to decrease the crossflow Reynolds num-
ber, X, which means physically that crossflow-dominated boundary-lay-
er transition is more likely to occur in the lower angle-of-attack range
for lifting bodies at incidence under hypersonic conditions.

Note from Fig. 31 for the 30-deg angle-of-attack condition that
X = 200 at x/x* & 0, 65 with a corresponding experimental Stanton num-
ber approximately 25 percent above the calculated laminar value. The
X criterion of Section 2. 8, as repeated above, suggests that the bound-
ary layer should be in a fully turbulent state for X > 200. Such is obvi-
ously not the case in Fig. 31. To understand why a fully turbulent con-
dition is not attained, examine the inviscid velocity gradient parameter
B distribution as shown in the bottom portion of Fig. 31 along with the
X curve. As can be seen, the boundary layer is being substantially ac-
celerated at the spanwise station of interest, x/x* s 0, 65. The discon-
tinuity in the B curve slope at x/x* » 0.5 is a direct reflection of the
discontinuity in the pressure gradient caused by the discontinuity in sur-
face curvature at the flat-corner juncture, as discussed previously in
connection with Fig. 29,

From studies such as Refs. 88, 89, and 90 it is now well known
that a fully turbulent boundary layer may undergo reverse transition
toward a laminar boundary layer, sometimes referred to as laminari-
zation, under high acceleration flow conditions such as nozzle flows.

In this process the boundary layer becomes laminar-like near the wall,
presumably because of a loss of near-wall turbulent transport, and the
wall skin-friction and heat-transfer rate are correspondingly less than
that associated with a turbulent boundary layer. It is also well known
from classical boundary-layer stability theory for a two-dimensional
incompressible, laminar boundary layer that a favorable pressure gra-
dient can have a strong stabilizing effect on small disturbances. This
conclusion may be deduced from the fact that the value of the minimum
critical Reynolds number for neutrally damped disturbances increases
rapidly with increasing favorable pressure gradient, as can be seen
from Figs. 17.2 and 17. 3 on pages 413 and 414, respectively, in
Schlichting (Ref. 13). Similar findings apply to high-speed compres-
sible boundary layers, as discussed by Morkovin (Ref. 91} and Mack
(Ref. 92). Hence it appears reasonable to postulate that for the present
lifting body at incidence boundary-layer flow, three-dimensional cross-
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flow tends to promote laminar boundary-layer instability and transition
at the same time that the flow acceleration tends to stabilize the bound-
ary layer. This is what the heat-transfer results of Fig. 31 tend to indi-
cate if one accepts the above postulate as being correct; three-dimen-
sional boundary-layer instability and transition tend to increase the sur-
face heat-transfer rate, and the flow acceleration tends to result in tran-
sition laminarization and stability. Much more work remains to be done
in this relatively unexplored area of fluid mechanics before this phenom-
enon will be fully understood.

One of the more significant results of the recent study by Snedeker
(Ref. 93) was the discovery that even a highly accelerated two-dimen-
sional incompressible laminar boundary layer can be made turbulent if_
disturbances of sufficient magnitude are introduced in the right manner.
Similar conclusions have also been reached by Morkovin (Ref. 91). The
importance of these findings with respect to lifting body hypersonic flows
is that the three-dimensional laminar boundary layer in the above-dis-
cussed stable-unstable spanwise mode may be '"'tripped" to a fully tur-
bulent state by a sufficient disturbance. An excellent example of such
"tripping'' may be found by examination of the phase-change paint re-
sults from Group 54, page 128, of Ref. 80, which is for a 50-deg angle-
of-attack flow condition over the windward surface of the 80-deg sweep
delta wing discussed previously in Section 3. 2. 2 with respect to center-
line heat transfer. A summary of these results for the body station

= 9.28 in., as taken from Appendix A-42, page 178, of Ref. 80, is
shown in Fig. 32 relative to the present spanwise boundary-layer theory.
Observe from Fig. 32 that at the spanwise location x/x* = 0. 75 the right-
hand side heat-transfer coefficient is approaching the calculated fully
turbulent level, while the left-hand side value is only slightly above the
calculated laminar level. The corresponding crossflow Reynolds num-
ber, shown in the lower portion of Fig. 32, indicates that crossflow
transition could indeed occur (X %160 at x/x™* = 0. 75) based on the crite-
rion of Section 2. 8. Note also from Fi g 32 that the boundary layer is
being substantially accelerated for x/x* ¢ 0.5, as can be seen from the
inviscid crossflow velocity gradient B8 distribution. For values of
x/x* £ 0.5 where X< 100, both the right- and left-hand side heat-trans-
fer coefficients are in excellent agreement with the calculated laminar
values. All of the above indicates that under a flow condition where
boundary-layer transition could occur because of three-dimensional
crossflow instability, transition may or may not actually occur. It has
been the author's experience that small amounts of surface roughness
such as paint specks in phase-change paint, are sufficient to "trip" the
three-dimensional laminar boundary layer on lifting body geometries at
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high angles of incidence because of the extreme thinness of the laminar
boundary layer; see Refs. 94 and 95 for a further discussion of this
topic. Hence, it is surmised that the asymmetric heat-transfer results
presented in Fig. 32 are probably caused by "surface roughness tripping'"
of the three-dimensional laminar boundary layer on the right-hand side
of the delta wing, while the high boundary-layer acceleration stabilized
the left-hand side in the absence of roughness. Such "tripping" is a very
interesting fluid mechanics phenomenon which has been observed to oc-
cur during AEDC-VKF hypersonic wind tunnel phase-change paint tests
on other lifting body configurations (not included in the present report)

at high angles of incidence.

Two examples of how to apply Program SLYBBCBL for both lami-
nar and turbulent boundary layers at the z/L = 0. 3 location (Station 840)
on the centerline of the NAR Orbiter Configuration 161B at 40-deg angle
of incidence under cold wall, high Reynolds number, AEDC-VKF Tunnel
B conditions are given in Appendix V. For these illustrative examples
both the windward centerline pressure and velocity (as computed from
the inviscid conical flow theory of Section 2. 10. 2) and the inviscid stag-
nation or attachment line velocity gradient (computed according to Sec-
tion 2. 10. 3, using the South one-strip method of integral relations for
a flat-faced body with rounded corners) are card input values to the
program.

3.4 NASA-LANGLEY RESEARCH CENTER STRAIGHT BODY (NASA LRC-SB)
DELTA WING CONFIGURATION

Another of the NASA configurations tested intensively in the AEDC-
VKF Hypervelocity Wind Tunnel (F) at nominal Mach number 10.5 using
nitrogen gas was the NASA-Langley Research Center Straight Body
(NASA LRC-SB) Delta Wing. Side, rear, and windward planform views
of this configuration are shown in Fig. 33; more complete details of the
body geometry can be found in Ref. 96, which documents the data taken
during the AEDC wind tunnel tests. As can be seen from Fig. 33, the
NASA LRC-8B planform configuration for x/L locations greater than
0. 32 is simply a flat-faced strip with cylindrically rounded edges; the
forebody planform is a 75-deg sweep blunt-nosed delta wing with cylin-
drically blunted leading edges. With respect to the "strip theory' prin-
ciple of Section 2.1, an aspect ratio (AR) typical of the aft NASA LRC-
SB planform (z/L > 0. 32) may be defined as
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where the number 25 is the approximate total length (in inches) of the
model, and the number 5 is the approximate planform width (in inches)
of the aft planform of the.model. Restricting attention solely to the aft
planform, the above equation indicates that "strip theory'" should be
applicable to this configuration at high angles of incidence in a hyper-
sonic flow., Furthermore, note the similarity between a flat-faced
strip at incidence and a yawed cylinder flow,

To illustrate some of the salient features of very high angle-of-
attack hypersonic flows, attention will be resticted in the present con-
sideration to one angle-of-attack condition, namely 60 deg, for the
NASA LRC-SB configuration. The specific AEDC-VKF Tunnel F con-
ditions to be used correspond to time points of 60 and 136 msec for Run
Number 3648 on page 38 of Ref. 96. Note that the AEDC-VKF Tunnel
F gas media is nitrogen. Full details of the model instrumentation for
this test may be found in Ref. 96.

To assess the accuracy and validity of classical Newtonian theory
under high angle-of-attack conditions where inviscid tangent-cone theory
is not applicable (see Section 2. 10. 2 for discussion of these theories),
Fig. 34 shows a comparison of classical Newtonian theory relative to
the windward centerline pressure measurements of Ref. 96 for the
NASA LRC-SB configuration at 60-deg angle of attack. On the aft sec-
tion of the body (z/L £ 0. 4) classical Newtonian theory is in reasonable
agreement with the experimental measurements for both time points;
note that the tunnel conditions corresponding to these time points are
given on the top of the figure. Over the forebody (delta) section
(z/L < 0.4) the blunted nose influence on the pressure distribution is
quite substantial, even though the body is at 60-deg angle of attack.
These results indicate that classical Newtonian theory should, in gen-
eral, provide reasonable estimates of the windward centerline pressure
on delta forebody- strip afterbody configurations at high angle of attack
in a hypersonic flow provided the region of interest is sufficiently far
downstream of a blunted nose for the pressure distribution to attain a
constant level.

The spanwise pressure distribution at the body location z/L = 0. 74
on the strip afterbody of the NASA LRC-SB configuration at 60-deg angle
of attack is shown in the lower portion of Fig. 34. The windward cross-
sectional shape at this body location is a flat-faced body with rounded
corners, as shown by Fig. 33. Hence, the South one-strip method of
integral relations for an axisymmetric body (a flat-faced disk with
rounded shoulders having a natural sonic point location determined per
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Section 2. 10. 3 of the present report) has been used to calculate the theo-
retical spanwise pressure distribution shown in Fig. 34. The experi-
mental measurements shown as circles in Fig. 34 represent both time
points in that there is very little difference between the individual time
point values when interpreted in terms of the ratio p/pg. In general,
the agreement between theory and experiment is excellent for the span-
wise pressure distribution on this particular body and flow condition.

One could possibly question the use of an axisymmetric body (flat-
faced disk with rounded corners) to approximate the strip afterbody; a
two-dimensional flat-faced strip with rounded corners appears a more
reasonable choice of physical bodies to use in the one-strip method of
integral relations treatment. As discussed in Section 2. 10. 3 of the
present report, the South digital computer code of Ref. 61 has been
modified to consider both axisymmetric and two-dimensional bodies as
part of the current study. The results of applying this analysis to the
present NASA LRC-SB flat-faced body with rounded corners having a
natural sonic point location in both a two-dimensional (j = 0) and an
axisymmetric (j = 1) sense are presented in Fig. 35 for the 60-deg angle
of attack, free-stream Mach Number 10. 7 condition of current interest.
The calculated spanwise pressure distributions are very similar, with
the two-dimensional case having a slightly higher pressure than the axi-
symmetric case in the region near the flat-corner juncture. In the
centerline region of the body both analyses are in excellent agreement
with each other; essentially identical stagnation line inviscid velocity
gradients are obtained from both analyses upon application of the nu-
merical differentiation procedure of Section 2,10.3. Observe from Fig.
35 that the discontinuity in the pressure gradient at the flat-corner junc-
ture is more severe for the two-dimensional flow condition. Upon com-
parison of Figs. 34 and 35, where Fig. 34 includes the experimental
pressure measurements of Ref. 96, the axisymmetric-type analysis
appears the.more reasonable choice for this type body and flow condition.
Similar conclusions have been reached by the present authors based on
comparisons (not presented herein) of the South one-strip method of inte-
gral relations analysis in a two-dimensional and axisymmetric sense
applied to Configurations C2, C3, and C4 of Bertin, et al. (Ref. 97),
which are strip-type bodies at incidence under hypersonic conditions.
For other body configurations, however, the two-dimensional-type anal-
ysis may be more appropriate for determination of the spanwise pres-
sure distribution, and it is recommended by the present authors that
the decision as to which type analysis is most applicable to a given geo-
metry and flow condition be made relative to comparison of theory and
experiment, if possible.
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One of the more interesting aerodynamic phenomena of the delta
forebody-strip afterbody configuration at incidence in a hypersonic flow
is the physical behavior of the windward centerline shock shape distribu-
tion. As shown on the top portion of Fig. 36 for the NASA LRC-SB delta
wing at 60-deg angle of attack under AEDC-VKF Tunnel F conditions,
there is an inflection in the shock shape between the body locations
z/L = 0.4 and 0.6. The shock angle on the delta forebody (851,50 =68 deg)
is in good agreement with the results of Fig. 21 in Bertram and Hender-
son (Ref. 24) for a 75-deg-sweep delta wing at 60-deg angle of incidence
in a Mach 9.6 airflow. Over the rear of the afterbody strip section, the
shock angle approaches the angle of attack; i.e., the shock becomes es-
sentially parallel with the body, just as in a yawed cylinder flow. Hence,
one would perhaps expect the flow over the rearward portion of the strip
body (z/L > 0.86) to behave similarly to flow over a yawed cylinder;
both the surface pressure and the shock shape approach constant values
in conjunction with no change in the body contour for z/L locations great-
er than 0.32. The regionz/L = 0.32 to z/L = 0.6 may be regarded
physically as a transition region from a blunted delta wing flow to a
yawed-cylinder-type flow.

Restricting attention solely to the region z/L > 0.5 on the afterbody
strip section of the NASA LRC-SB configuration at 60-deg angle of inci-
dence, it is not clear what is the appropriate shock angle for use in de-
termining the inviscid outer edge conditions for input to a centerline
boundary-layer analysis following the procedure outlined at the conclu-
sion of Section 2. 10. 2 in the present report. To assess the effects of
shock angle on calculated boundary-layer behavior, the lower portion of
Fig. 36 presents calculated centerline turbulent heat-transfer rates
based on four different assumed values for the shock angle (8gpck = 60.0,
62.5, 65.0, and 67. 5 deg; experimental heat-transfer-rate measure-
ments from the AEDC-VKF Tunnel F Run Number 3648 at two time
points {shown on the figure with the corresponding free-stream condi-
tions) are also included for comparison. The spanwise pressure dis-
tribution of Fig. 34 is used to determine the stagnation or attachment
line inviscid velocity gradient following the numerical differentiation
procedure of Section 2. 10. 3; classical Newtonian theory as shown at
the top of Fig. 34 is used to determine the centerline pressure, which
remains constant for a given time point, even though the shock angle
may change. The boundary-layer calculations are for a fully turbulent
(A = 0.09) boundary layer having a constant wall temperature of 540°R
because of the impulse-type flow character of AEDC-VKF Tunnel F.
Note from Fig. 36 that a shock angle of approximately 65 deg results in
reasonable agreement between theory and experiment for both time
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points. Further note from Fig. 36 that the parallel shock assumption
(6shock = 60. 0 deg) results in a calculated turbulent heat rate some 10
to 15 percent above the experimental measurements for both time
points. Further illustrations of the effects of shock angle on various
inviscid edge parameters, as well as turbulent boundary-layer param-
eters, are given in Tables II and III. Observe from Table III that in-
creasing the shock angle serves to decrease all of the centerline tur-
bulent boundary-layer parameters. Table II shows that increasing the
shock angle results in a decrease in inviscid centerline density, velo-
city, and velocity gradient with a corresponding increase in centerline
inviscid static temperature. Note that the change in some of these pa-
rameters is on the order of 30 to 40 percent between shock angles of
60.0 and 67.5 deg. '

As shown in Fig. 36, the calculated turbulent heat-transfer rates
are constant in the region 0.5 S z/L S 1. 0 based on the present "strip
theory' approach. This is a direct consequence of the constant width
strip afterbody which, as discussed previously, is very similar in flow
behavior to a yawed cylinder under the present high angle-of-attack
condition. This means that all the boundary-layer parameters remain
constant along the strip afterbody for the present body and flow condition.
Such a condition is not immediately apparent to the aerodynamicist ac-
customed to two-dimensional flat-plate-type boundary layers where the
boundary-layer parameters vary with distance along the plate. The
important and basic difference here is in the three-dimensional stagna-
tion or attachment line character of the present flow (see the end of
Section 2. 10. 1 for a physical description of this type flow).

As tabulated in Fig. 36 for the centerline heat-transfer-rate dis-
tribution on the NASA LRC-SB delta wing at 60-deg angle of attack under
AEDC-VKF Tunnel F conditions, the reference heat flux, Jref, is a
calculated value for a 0. 675-in. -radius sphere based on the laminar
stagnation point boundary-layer theory of Fay and Riddell (Ref. 98)
evaluated for the particular tunnel free-stream conditions of interest.
Hence, the ratio Qw/4ref in Fig. 36 represents a turbulent boundary-
layer heat flux divided by a laminar boundary-layer heat flux, with the
laminar value being used as a reference quantity. As shown by Widhopf
(Ref. 99), the turbulent heat-transfer formulation derived by Vaglio-
Laurin (Ref. 33) based on inviscid streamline spreading for bodies at
incidence in a hypersonic flow in conjunction with a laminar sphere
stagnation point reference value computed from the Fay and Riddell
theory (Ref. 98) leads to a free-stream unit Reynolds number effect on
the turbulent heat-transfer rate in the form {see Eq. (6) of Ref. 99)
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This theoretical 3/10-power dependence on the free-stream unit Reynolds
number was experimentally verified by Widhopf (Ref. 99) based upon ear-
lier turbulent boundary-layer heat-transfer measurements on a 9-deg
half-angel spherically blunted cone at angles of attack up to 20 deg under
AEDC-VKF Tunnel F conditions; see Ref. 100 for complete documentation
of the experimental investigation. That this 3/10-power dependence of the
free-stream unit Reynolds number on turbulent heat-transfer rate is also
applicable to lifting body configurations at high angles of incidence can be
seen upon careful examination of the experimental data for the two.time
points presented in Fig. 36. Note the factor-of-two difference in free-
stream unit Reynolds number at the two time points, with the free-
stream Mach number remaining essentially the same value. Upon ap-
plication of Eg. (125) to the conditions of Fig. 36,

TR 3/10
T/ Sretl oo meee  [10.16 x 105] s 158
ld,/d 4] 5.11 x 10°

136 msec

which is in reasonable agreement with a mean fairing of the experimen-
tal measurements for the two time points. Further, note that the cal-
culated turbulent heat-transfer rates based on the present eddy viscosity
model of turbulence also follow the 3/10-power unit Reynolds number
dependence. Using the 65-deg shock angle values of Fig, 36 as an

example,
- e
[q" qw‘] 60 msec  0.78

[:,w/qref] ~ 0.615

136 msec

= 1.27°

which is in excellent agreement with the above value of 1. 23 based on
the 3/10 power of the unit Reynolds number. Hence, for a common
free-stream Mach number, the ratio of turbulent heat-transfer rate

to a reference laminar heat-transfer rate appears to scale as the 3/10
power of the free-stream unit Reynolds number even at high angle-of-
attack conditions typical of lifting entry vehicles. If both the free-
stream Mach number and unit Reynolds number are considered as para-
meters, then the above simple 3/10-power scaling is no longer appli-
cable, since Mach number is also variable (see Eq. (6) in Ref. 99 for
consideration of Mach number effects).
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An examination into the effects of the discontinuity in surface curva-
ture at the flat-corner juncture point on the afterbody section of the NASA
LRC-5SB configuration as it relates to surface heat-transfer rate and
boundary-layer flow direction is presented in Fig. 37. The pressure
distribution for this particular flow has been given previously in Figs.
34 and 35, where it was shown that the discontinuity in surface curva-
ture at the flat-corner juncture results in a discontinuity in the pres-
sure gradient at this location. As shown at the top of Fig. 37, this
discontinuity in surface curvature has little or no effect on the calcu-
lated turbulent boundary-layer heat-transfer distribution for this parti-
cular high angle-of-attack flow condition corresponding to the high Rey-
nolds number time point of the AEDC-VKF Tunnel F Run Number 3648
of current interest. The calculated spanwise turbulent heat-transfer
rate is in good agreement with the experimental measurements of Ref.
96 at the body location z/L = 0.74. As shown at the bottom of Fig. 37,
the calculated inviscid edge direction angle, wg, as well as the turbulent
boundary-layer surface flow direction angle, wg, has a discontinuity in
both the first and second derivatives at the flat-corner juncture which
is a direct reflection of the pressure gradient discontinuity at thisloca-
tion. Note that at the flat-corner juncture point (x/xmpax %= 0. 74) the
boundary-layer surface flow angle, wg, is approximately 30 deg, while
the inviscid edge flow angle is about 23.5 deg. This means physically
that the turbulent boundary layer has "turned" an additional 6.5 deg
under the outer edge inviscid streamline at this location. On the round-
ed corner portion of the body (x/xmax > 0.74), note from Fig. 37 that
the calculated turbulent heat-transfer rate reaches a maximum and then
decreases rapidly, following the surface pressure level variation shown
in Figs. 34 and 35.

3.5 MCDONNELL-DOUGLAS (MDAC) DELTA WING ORBITER CONFIGURATION

The only NASA Phase B SS design tested extensively in both the
AEDC-VKF Hypersonic Wind Tunnel (B) at Mach 8 and the AEDC-VKF
Hypervelocity Wind Tunnel (F) at nominal Mach Number 10.5 was the
McDonnell-Douglas (MDAC) Delta Wing Orbiter configuration (0. 011
scale). Side and windward planform views of this configuration are
shown in Fig. 38; more complete details of the body geometry can be
found in Refs. 101 and 102, which document the data taken during the
AEDC wind tunnel tests. As can be seen from Fig. 4 of Ref. 102, the
MDAC Orbiter configuration windward surface cross-sectional shapes
can be well represented in the axial coordinate range 0.1 <z/L < 0.4
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by a swung-arc body having a forced sonic point at the leading edge;
between z/L = 0.4 and z/L = 0.7, a flat-faced body with rounded shoul-
ders approximation having a forced sonic point at the leading edge ap-
pears reasonable. For z/L > 0.6, the aft delta wing is sweeping out
from the body and the ''strip theory' approach of the present analysis
is not applicable as discussed in the following paragraph.

With reference to the MDAC Orbiter windward planform geometry
shown in Fig. 38, note that in the range 0.1 < z/L < 0. 6 the planform
is essentially a highly swept delta wing of sweep angle approximately
81.5 deg. For z/L > 0.6, the planform is similar to a delta wing of
55-deg sweep. Note the similarity between the MDAC orbiter planform
geometry of Fig. 38 and the NAR Orbiter Configuration 161B presented
previously in Fig. 26. All of the arguments presented in Section 3. 3
relative to applicability of the present "'strip theory' to the NAR Orbiter
Configuration 161B also directly apply to the MDAC Orbiter of current
interest. Just as in Section 3. 3, the succeeding analysis of the MDAC
Orbiter configuration will be restricted to the range 0.1 £ z/L € 0.7,
where it is believed that "strip theory" should be applicable providing
the angle of attack is greater than about 25 deg.

As shown by Figs. 6, 7, and 9 in the recent paper by Matthews, et
al. (Ref. 43), inviscid tangent-cone theory applied locally following
Section 2. 10. 2 in the present report is in good agreement with experi-
mental data for the MDAC Orbiter windward centerline pressure distri-
bution, shock angle, and edge Mach number in the angle-of-attack range
30 deg S @ S 50 deg under Mach 8 hypersonic flow conditions. This
means that inviscid tangent-cone theory should, in general, provide rea-
sonable estimates of the windward centerline inviscid flow-field para-
meters needed for input to the present boundary-layer analysis in the
angle-of-attack range of 30 to 50 deg under hypersonic conditions.

To calculate heating rate distributions on the MDAC configuration,
body cross-sectional cuts were made at z/L. = 0.3, 0.5, and 0.7, and
the spanwise pressure distributions at these locations were determined
via the method of Section 2. 10. 3. Figure 39 shows the results of this
approach for the body station z/L = 0.5 on the MDAC Orbiter configu-
ration at 30-deg angle of attack in a Mach 8 hypersonic flow. Note from
Fig. 39 that the windward cross-sectional shape has been approximated
by a flat-faced body with rounded corners having a forced sonic point
location determined per Section 2. 10. 3 for an axisymmetric body, i.e.,
a flat-faced disk with rounded shoulders. Further note from the insert
in Fig. 39 that the discontinuity in body cross-sectional curvature at the
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flat-corner juncture point is reflected in the pressure distribution as a
slight discontinuity in the pressure gradient %E It should be noted that
the spanwise pressure distributions at z/L = 0.5 for both the 40- and the
50-deg angle-of-attack cases are almost identical with the 30-deg case
of Fig. 39 because the location of the forced sonic point is fixed by the
body geometry irrespective of the angle of attack. Also shown in Fig.
39 are experimental spanwise surface pressure measurements taken in
the VKF Tunnel F as reported for Run Number 3653 in Ref. 102. Even
though these measurements were taken in a nominal Mach 10. 5 flow,
the pressure distribution in the form p/pg should be relatively insensi-
tive to Mach number changes, providing t%e flow is hypersonic. The
reasonable agreement between theory and experiment observed in Fig.
39 indicates that the current ''strip theory' approach applied locally is
indeed applicable for calculation of surface pressure under the present

flow conditions and body geometry.

Heating rate distributions calculated from the present three-dimen-
sional laminar and turbulent boundary-layer analysis (using inviscid
tangent-cone theory for the determination of windward centerline invis-
cid flow parameters in conjunction with the spanwise pressure distri-
bution determined as discussed in the previous paragraph) are present-
ed in Figs. 40 and 41 relative to the experimental measurements of Ref.
101 for the MDAC Orbiter configuration. Figure 40 gives the windward
centerline Stanton number distributions for both laminar and turbulent
boundary layers at 30~, 40-, and 50-deg angles of attack under AEDC-
VKF Tunnel B high Reynolds number conditions. The turbulent data
(shown as closed or darkened symbols) were obtained using carborundum
grit placed on the windward surface to "trip'" the boundary layer (see
Ref. 101 for a discussion of this technique). All of the experimental
heat-transfer data of Ref. 101 were determined by the phase-change
paint technique employing 0. 011-scale Stycast® models using Tempilag®
as the surface temperature indicator. Full details of the AEDC-VKF
phase-change paint data reduction technique are presented in the Data
Reduction Section of Ref. 101. The calculations were performed for
the z/L = 0.3, 0.5, and 0. 7 stations of the previous paragraph, and the
theoretical lines shown in Fig. 40 are fairings through the three calcu-
lated values. In general, good-to-excellent agreement between theory
and experiment is observed for the windward centerline heat-transfer
distributions at all three angle-of-attack conditions and both laminar
and turbulent boundary layers. It should be noted that all turbulent
boundary-layer calculations are based on the use of an outer mixing-
length constant A = 0. 09 (i. e., a fully turbulent boundary layer).
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The spanwise Stanton number distributions for both laminar and
turbulent boundary layers at the body station location z/L = 0.5 on the
MDAC Orbiter configuration at 30-, 40-, and 50-deg angles of attack
under AEDC-VKF Tunnel B high Reynolds number conditions are given
in Fig. 41. Note that this body location corresponds to the spanwise
pressure distribution of Fig. 39 discussed previously. As can be seen
from Fig. 41, good-to-excellent agreement between the present three-
dimensional boundary-layer theory and the experimental measurements
of Ref. 101 is observed for the case of a fully turbulent boundary layer
at all three angle-of-attack conditions. The key point of interest in Fig.
41 is the extremely clear indication of laminar boundary-layer cross-
flow transition beginning at a spanwise location where the crossflow
Reynolds number, X, reaches a value of approximately 100. (See Sec-
tion 2. 8 for a discussion of crossflow transition and the crossflow Rey-
nolds number.) The present MDAC Orbiter results are in direct agree-
ment with the crossflow transition results of Section 3. 3 for the NAR
Orbiter Configuration 161B under identical hypersonic, high Reynolds
number conditions so that all comments, discussion, and conclusions
regarding crossflow transition, as well as flow acceleration resulting
in transition laminarization, presented in Section 3. 3 apply without
change to the present case. The 30-deg angle-of-attack condition of
Fig. 41 indicates that crossflow transition may be completed near the
sonic point location, i.e., that it is a fully turbulent boundary layer,
while at and near the centerline the boundary layer remains in a lami-
nar state. It should be noted that for the 30- and 40-deg angle-of-attack
cases in Fig. 40, proper interpretation of the laminar phase-change
paint data (shown as the O symbol) indicates that boundary-layer transi-
tion did not occur anywhere along the model centerline; the 50-deg angle-
of-attack data in Fig. 40 show centerline boundary-layer transition to
begin somewhere around z/L = 0.5 to 0.6 for the present high Reynolds
number flow condition.

As discussed in Section 3. 3 relative to crossflow transition on the
NAR Orbiter Configuration 161B, transition may or may not actually
occur under a flow condition where three-dimensional crossflow insta-
bility theory indicates that transition could occur. Small amounts of
surface roughness, such as paint specks in phase-change paint, have
been observed to ''trip' the three-dimensional laminar boundary layer
on lifting body geometries at high angles of incidence because of the
extreme thinness of the laminar boundary layer. By a careful observa-
tion of Fig. 41 it may be noted that, for all three angle-of-attack condi-
tions, the increase in heating rate denoting the onset of crossflow transi-
tion starts immediately downstream of the flat-corner juncture location
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on the body surface, Hence, it is reasonable to surmise that the flat-
corner discontinuity may, in some unknown manner, "trip' the bound-
ary layer and trigger the start of transition in a three-dimensional lami-
nar boundary layer which is already unstable to small disturbances be-
cause of the three-dimensional crossflow instability mode (note that

90 < X< 200 at the flat-corner juncture in Fig. 41 for all three angles of
attack). Such may also well be the case for the NAR Orbiter Configu-
ration 161B as given by Fig. 31, but it is difficult to discern here since
only one thermocouple is located downstream of the flat-corner juncture
location.

One very important clue as to the behavior of the three-dimensional
laminar boundary layer at the flat-corner juncture location can be seen
from comparison of Figs. 31 and 41 for the NAR Orbiter Configuration
161B and the MDAC Orbiter, respectively, at 50-deg angle of attack
under the same high Reynolds number hypersonic flow condition. Note
that at the flat-corner juncture location, X = 60 for the NAR Orbiter,
whereas X = 95 for the MDAC Orbiter. The NAR Orbiter heat rate
measurements indicate that the boundary layer remained laminar down-
stream of the flat-corner juncture, whereas the MDAC Orbiter paint
data indicate that boundary-layer transition began immediately down-
stream of the flat-corner juncture location. These findings strongly
suggest that the level of the crossflow Reynolds number, X, must be on
the order of 100 or greater for a small disturbance to trigger the cross-
flow instability mechanism leading to boundary-layer transition in a
three-dimensional sense for hypersonic lifting bodies at high angles of
incidence. The possibility of suitably designing the cross-sectional
contour of the body to keep the crossflow Reynolds number, X, at as
small a value as possible deserves future attention.

A comparison of both calculated and experimental results for wind-
ward centerline Stanton number distributions on the MDAC Orbiter con-
figuration at 50-deg angle of attack under both AEDC-VKF Tunnel B and
F conditions is given in Fig. 42. The AEDC-VKF Tunnel B experimen-
tal data shown in this figure are taken from Run 174 of Ref. 101, and
the AEDC-VKF Tunnel F data are taken from Run 3659, time points 71
and 135 msec, of Ref. 102. In general, the present three-dimensional
fully turbulent boundary-layer calculations are in good agreement with
the experimental results from both tunnels. Note from the top of Fig.
42, which gives the tabulated free-stream rlow conditions, that the
AEDC-VKF Tunnel F late time point (135 msec) has approximately the
same free-stream unit Reynolds number as the AEDC-VKF Tunnel B
condition. However, the free-stream Mach number, M_,, and the wall
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temperature ratio, Tw/To' o are both different between the two tunnel
flows, especially for the wall temperature ratio (Ty,/ Ty, , = 0.20 for the
AEDC-VKF Tunnel F flow, whereas Ty /T, o = 0. 64 for the AEDC-VKF
Tunnel B flow). Recall that the AEDC-VKF Tunnel B test used a phase-
change paint technique (which for the present 50-deg angle-of-attack
high Reynolds number flow employed a 400°F phase-change paint tem-
perature), whereas the AEDC-VKF Tunnel F test was conducted under
cold wall (T = 540°R) conditions because of the impulse nature of the
flow. A complete examination of the effects of varying wall tempera-
ture ratio on both the laminar and turbulent three-dimensional boundary-
layer parameters will be presented in a following paragraph. Suffice it
to say for the present Fig. (Fig. 42) that a large part of the observed
difference between the essentially common Reynolds number AEDC-
VKF Tunnels B and F results, both experimental and calculated, is

due to the difference in wall temperature ratio between the two flows.

The effects of change in the free-stream Reynolds number at an
essentially common free-stream Mach number and wall temperature
ratio can be seen from the two AEDC-VKF Tunnel F time point results
on Fig. 42. Note from the top part of Fig. 42 that the free-stream
Reynolds number decreases by approximately a factor of three between
the 61- and 135-msec time points. As discussed previously in Section
3. 4, the turbulent-to-laminar reference heat-transfer ratio should theo-
retically have a 3/10-power dependence on the free-stream unit Reynolds
number (assuming the free-stream Mach number fixed). For the present
AEDC-VKF Tunnel F flow conditions, Eq.(125) in Section 3. 4 of the pres-
ent report gives

= 1.40

w.ref]

[Se /St ] 3/10
e’ Teorell ) masc _|12.65 x 106
(51,75t 4.16 x 108

135 msec

which is in reasonable agreement with a mean fairing of the experimen-
tal measurements for the two time points. Further note that the calcu-
lated turbulent heat-transfer rates based on the present eddy viscosity
model of turbulence also follow the 3/10-power unit Reynolds number
dependence. Using the calculated z/L = 0.5 Stanton number values in
Fig. 42 as an example,

[Stoo/St .ref]

-]

61l msec  0.40
[Stoo/Stw’ref] 0.28

135 msec

= 1.43
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which is in excellent agreement with the above value of 1. 40 based on
the 3/10 power of the unit Reynolds number. The combined results of
Section 3. 4 and the present MDAC Orbiter strongly indicate that, for a
common free-stream Mach number and wall temperature, the ratio of
turbulent heat-transfer rate to a reference laminar heat-transfer-rate
scales as the 3/10 power of the free-stream unit Reynolds number for
high angle-of-attack conditions typical of lifting entry vehicles. If the
free-stream Mach number and unit Reynolds number, as well as the
wall temperature, are considered as parameters, then the above 3/10-
power scaljng is no longer applicable, and recourse to Eq. (6) in Ref.
99 must be taken for investigation of the combined effects.

The influence of wall temperature ratio on the windward centerline
laminar and turbulent boundary-layer parameters for the body location
z/L = 0.5 on the MDAC Orbiter configuration at 30-deg angle of attack
under AEDC-VKF Tunnel B high Reynolds number conditions is given
in Tables IV, V, and VI, as well as in Figs. 43, 44, and 45. Several
very interesting observations concerning the relative behavior of three-
dimensional laminar and turbulent boundary layers with respect to wall
temperature changes can be made upon comparison of Tables IV and V.
Note that while -increasing the wall temperature results in an increase
in the laminar boundary layer skin-friction coefficient Cf,, z, increas-
ing the wall temperature decreases the turbulent boundary layer skin-
friction coefficient. The three-dimensional turbulent boundary-layer
thickness, 65, is a factor of 5 to 6 times larger than the corresponding
wall temperature three-dimensional laminar boundary layer thickness.
Especially note the thinness of the three-dimensional laminar boundary
layer on the windward centerline for this flow condition and body loca-
tion (i.e., 6, = 0.02 to 0.03 in.). This is a clear indication of why
even what may be termed "small roughness" can successfully "trip"
the three-dimensional laminar boundary layer. As discussed on page 3
of Ref. 86, No. 46 grit on glue (0. 025-in. mean total height) distributed
over the lower surface of the NAR Orbiter Configuration 161B was suf-
ficient to ''trip" the three-dimensional laminar boundary layer under
conditions similar to those of present interest. Further observe that
although the turbulent Stanton number percentage change between T /Tg,q
values of 0.2 and 0.5 is on the order of 15 percent, the laminar Stanton
number changes only about 6 percent for the same wall temperature
ratio increase. This indicates clearly that the three-dimensional tur-
bulent boundary layer is more sensitive to wall temperature effects re-
flected in the Stanton number than is the three-dimensional laminar
boundary layer.
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As shown in Table VI, increasing the wall temperature on the three-
dimensional laminar boundary layer decreases the numerical value of
the MDAC transition onset parameter defined and discussed in Section
2. 8 of the present report. The reason for this behavior can be seen
from examination of Table IV with respect to the three-dimensional
laminar boundary-layer momentum thickness, 6p, z; an increase in
wall temperature decreases the laminar boundary-layer momentum
thickness. The implication of Table VI as it relates to lifting body
centerline boundary-layer transition is that, for a given flow condition
and angle of attack, the colder the wall, the earlier (with respect to sur-
face distance from the nose of the body) centerline transition may be ex-
pected to begin adopting the MDAC transition criterion as given in Fig.

8 of Ref. 7 as a valid indicator of boundary-layer transition onset.

The calculated effects of wall temperature on spanwise boundary-
layer parameters (heat-transfer rate,' surface flow angle direction,
and crossflow Reynolds number) are presented in Figs. 43, 44, and 45
for the axial location z/L = 0.5 on the MDAC Orbiter configuration at
30-deg angle of attack under AEDC-VKF Tunnel B high Reynolds num-
ber Mach 8 flow conditions. Essentially the same trends observed pre-
viously in Tables IV and V with respect to effects of wall temperature
on the centerline Stanton number apply without change to the spanwise
heat-transfer coefficient distributions shown in Fig. 43. The three-
dimensional turbulent boundary-layer heat-transfer coefficient in the
spanwise direction is more sensitive (with respect to percentage change)
to increase in the wall temperature ratio from Ty, /To, , = 0.2 t0 0.5
than the corresponding three-dimensional laminar boundary layer under
the same flow conditions.

With respect to wall temperature influence on the boundary-layer
surface flow angle, wg, Fig. 44 shows that, in general, the hotter the
wall, the greater the turning effect on the hypersonic three-dimensional
laminar and turbulent boundary layer attributable to crossflow. At the
x = x*¥ span location, Fig. 44 reveals the following variation with wall
temperature of the boundary-layer surface flow angle, wg:

Wwg, deg
Tw/To, Laminar Turbulent
0.2 35.0 23.5
0.5 41.5 26.5
0.8 46. 0 29.5
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The corresponding inviscid edge flow angle for this x = x* location is

we = 16.0 deg. Hence, the maximum laminar boundary-layer turning
angle (wg = 46. 0 deg for the Ty /Ty o = 0. 8 condition) is approximately
a factor of three greater than the inviscid flow turning angle, wg; the
maximum turbulent boundary-layer turning angle (for the same

Tw/To, « = 0. 8 condition) is slightly less than a factor of two greater
than the corresponding inviscid value., These findings confirm the state-
ment by Vaglio-Laurin (Ref. 33) that ""due to the larger shearing stress,
smaller three-dimensional effects can be expected for turbulent layers
as compared with laminar layers subject to the same boundary condi-
tions" for the case of lifting body configurations at angle of attack in a
hypersonic flow. Similar findings and conclusions have been reported
by Adams (Ref. 36) for the case of sharp cones at incidence in a hyper-
sonic flow. See pages 30 and 31 in Ref. 46 for a discussion concerning
proper interpretation of hot wall (Ty/Tq o = 0.8) ground test (force)
measurements on bodies at incidence under hypersonic conditions rela-
tive to cold wall (Tw/To, , < 0. 2) flight conditions for aerodynamic pa-
rameters where the boundary-layer flow direction is important.

One important facet of the crossflow instability phenomenon dis-
cussed in Section 2. 8 leading to three-dimensional laminar boundary-
layer transition is the influence of wall temperature level on the mag-
nitude of the calculated crossflow Reynolds number, X. As shown very
clearly in Fig. 45 for the present MDAC Orbiter at incidence flow con-
dition, increasing wall temperature level at a given spanwise location
increases the value of X and, hence, makes the three-dimensional lami-
nar boundary layer more susceptible to crossflow instability leading to
vortex formation and transition. It can be shown by examination of the
calculated three-dimensional laminar boundary-layer profiles that the
increase of the crossflow Reynolds number with wall temperature level
at a given spanwise location, as shown in Fig. 45, is totally due to the
sensitivity of the three-dimensional laminar boundary-layer crossflow
velocity profile and boundary-layer thickness to changes in the wall
temperature level. In general, the hotter the wall, the greater the
crossflow velocity and boundary-layer thickness, which leads to greater
instability (attributable to increasing crossflow effects) in the three-
dimensional laminar boundary layer. As discussed by Adams (Ref. 46),
transition contours based on ground testing in hypersonic wind tunnels
under hot wall conditions on bodies at incidence may not be totally ap-
plicable to cold wall flight conditions at the same free-stream Mach
and Reynolds number conditions because of the crossflow instability
phenomenon's being enhanced by the hot wall condition which, in turn,
can result in premature transition of the three-dimensional laminar
boundary layer to turbulent flow.
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The recent NASA report by Mellenthin, Hamilton, and Zoerner
(Ref. 103) documents excellent oil flow visualization photographs for
the MDAC Orbiter configuration at various angles of attack based on
wind tunnel tests in the NASA-Ames 3. 5-Foot Hypersonic Wind Tunnel
at a free-stream Mach number of 7. 4 and free-stream unit Reynolds
numbers from about 1 million to about 6 million per.foot. Figure 46
presents a comparison of calculated spanwise surface flow angles based
on the present three-dimensional laminar boundary-layer analysis rela-
tive to the experimentally determined oil flow results of Fig. 23c in
Ref. 103 for the nose region of the MDAC Orbiter at 50-deg angle of
attack. The body station of interest here is at the axial location z/L =
0.2 with the body cross-sectional shape approximated as an axisym-
metric (j = 1) swung arc with a forced sonic corner (physically a spheri-
cal cap convex to stream) for determination of the spanwise surface
pressure distribution using the South one-strip method of integral rela-
tions per the discussion of Section 2. 10. 3 in the present report. Since
the wall temperature was:not directly measured in the experiments of
Ref. 103, two different wall temperature ratios (Tw/Tg, 5, = 0.4 and 0. 8)
representative of the lower and upper experimentally permissible values
for the NASA-Ames tests have been used for the calculations shown in
Fig. 46. As can be seen from Fig. 46, the present three-dimensional
laminar boundary-layer calculation for the Ty /Ty, , = 0.8 wall tem-
perature ratio is in excellent agreement with the experimental oil flow
results. The wall temperature ratio of Tw/To, o = 0.8 is surmised by
the present authors to be more representative for the present case than
the Tw/Tp, o = 0.4 value because of the high angle-of-attack condition
(50 deg) in conjunction with.the nose region location (z/L = 0. 2) on the
body.

Further comparisons of calculated laminar and turbulent surface
flow angles based on the present three-dimensional boundary-layer anal-
ysis are presented in Fig. 47 relative to the experimental oil flow re-
sults from Fig. 23a in Ref. 103 for the same 50-deg angle-of-attack
condition of the previous paragraph. The particular spanwise body
station of interest is at the axial location z/L = 0.5, which has been
discussed previously in this subsection relative to the spanwise pres-
sure distribution of Fig. 39. As can be seen from Fig. 47, the calcu-
lated surface flow angle distribution assuming a fully turbulent bound-
ary layer having a wall temperature ratio of Tw/To, o = 0.8 is in excel-
lent agreement with the experimental oil flow results over the outer 50
percent of the span; for the inner region between the body centerline
to approximately the flat-corner juncture location, the experimental oil
flow results are in best agreement with the calculated surface flow angle
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distribution assuming a fully turbulent boundary.layer having a wall
temperature ratio of Ty/Tg, » = 0. 4. However, for this particular
angle of attack and flow condition, the calculated value of the windward
centerline transition onset parameter (TP) following Eq. (96) in Section
2. 8 of the current report yields a value TP = 12, based on the present
three-dimensional laminar boundary-layer theory in conjunction with a
wall temperature ratio of Tyw/Ty 4 = 0.4. Such a low value for the
transition onset parameter indicates that the boundary layer should be
laminar at this body station, flow condition, and angle of attack, based
on a value of TP = 15 for transition onset at 50-deg angle of attack from
Fig. 8 in Ref. 7. As can be seen from careful examination of the photo-
graphs presented in Figs. 48 and 49 (which are taken from Figs. 23a and
c of Ref. 103 and correspond to the photographs used to obtain the experi-
mental oil flow data on Figs. 46 and 47 of the current report), there is
a somewhat rough-appearing model joint at the body location z/L = 0. 3
which, in the opinion of the present authors, may be sufficient to "'trip"
the extremely thin laminar boundary layer to a turbulent state as indi-
cated by the comparisons of Fig. 47 discussed previously. As shown

in the recent work of Seegmiller (Ref. 94) based on wind tunnel tests in
the NASA-Ames 3. 5-Foot Hypersonic Wind Tunnel using models of the
North American Rockwell 134B Delta Wing Shuttle configuration with
simulated panel joints, a raised joint having a height of less than one-
half the thickness of a human hair (about one-thousandth of an inch) is
sufficient to "trip' the laminar boundary layer and initiate transition
under high angle-of-attack flow conditions similar to those of present
interest relative to the MDAC Orbiter.

Another possible interpretation of the comparison shown in Fig. 47
between calculated surface flow angles and experimental oil flow results
is that, for the particular body station of current interest (z/L = 0.5),
the boundary layer is indeed laminar, as indicated by the value of the
transition onset parameter discussed in the previous paragraph. As
shown in Section 2. 11 of the present report relative to the oil flow re-
sults of Fig. 7, the proximity of the downstream delta wing may have
an effect on upstream three-dimensional boundary-layer development.
Such an argument can explain why the experimentally observed turning
angles are not as large as the calculated values, assuming that the bound-
ary-layer state is indeed laminar. Which of the above two conjectures
is the correct interpretation of Fig. 47 remains an open question at the
present time.

As noted at the conclusion of Section 3. 2.1 in the present report, it
is possible to use an "effective" x* value in Eq. (124) for calculation of
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the stagnation line inviscid velocity gradient. Such is indeed an attrac-
tive possibility when used in conjunction with Program SLYBBCBL of
Appendix IV for parametric studies of body curvature effects on, say,
the centerline turbulent boundary layer. For the present MDAC Orbiter
configuration under AEDC-VKF Tunnels B and F flow conditions, the
following table of x* values at selected body locations has been obtained
by substituting the value of the stagnation line inviscid velocity gradient
determined per the South one-strip method of integral relations following
Section 2, 10. 3 in conjunction with inviscid conical flow tangent-cone
centerline properties determined following Section 2. 10. 2 into Eq. (124)
and calculating the resulting x* value.

z/L x5 ft
0.3 0.08
0.5 0.13
0.7 0.185

These x* values represent a sort of mean average over the angle-of-
attack range from 30 to 50 deg under both the AEDC-VKF Tunnel B
Mach 8 condition and the Tunnel F Mach 10. 5 condition. Examples of
how to apply Program SLYBBCBL of Appendix IV for calculation of both
the laminar and turbulent boundary layer at the z/L = 0. 3 station on the
centerline of the MDAC Orbiter under AEDC-VKF Tunnel F conditions
(nitrogen gas) using the above determined x* value are given as the last
four sample cases in Appendix V.

SECTION IV
CONCLUDING SUMMARY

The present report has documented an inviscid and viscous analysis
technique applicable to the windward surface of general lifting body con-
figurations at high angles of incidence under hypersonic perfect gas
wind tunnel conditions with primary emphasis placed on development of
an engineering-type approach which is accurate and easy to use, while
requiring only modest digital computing facilities for application. Bas-
ically, the present technique applied the "strip theory' concept leading
to an infinite extent yawed body analysis applied in the windward surface
crossflow plane for both the inviscid and viscous (boundary-layer) flow
fields. A one-strip method of integral relations approach has been used
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to determine the spanwise surface pressure distribution at a given body
location with all inviscid centerline quantities determined via an inviscid
conical flow approach or some alternate technique. The boundary-layer
analysis has been based on implicit finite-difference integration of the
governing yawed blunt-body boundary-layer equations for both laminar
and turbulent flows using a three-dimensional eddy viscosity-mixing-
length model of turbulence. Complete details of both the inviscid and
viscous analyses have been included in the present report with a source
deck listing and sample input-output for the currently developed stagna-
tion line boundary-layer digital computer code included as appendixes.

Comparisons of the present ''strip theory' approach with hyper-
sonic wind tunnel data on yawed cylinders, delta wings, and NASA Phase
B SS configurations have been presented to establish and ascertain the
basic validity and applicability of the current technique. Under condi-
tions where the basic requirements for applicability of 'strip theory"
are satisfied, the present analytical approach yielded accurate estimates
of wall measurable flow parameters such as surface pressure, surface
heat transfer, surface streamline direction, etc., for all configurations
considered. One of the more important results of the current study was
the tentative identification of spanwise crossflow-induced boundary-layer
transition and laminarization on SS configurations at high incidence angles.
Other significant findings include the 3/10-power scaling of turbulent
boundary-layer heat-transfer rate with respect to changes in the free-
stream Reynolds number, as well as shock angle and wall temperature
effects on both laminar and turbulent boundary-layer parameters.

To the author's knowledge there are no three-dimensional boundary-
layer profile measurements on lifting body configurations at high angles
of incidence under hypersonic wind tunnel conditions currently available
in the literature which can be used for comparison purposes with the
present '"strip theory" boundary-layer analysis. As the current inves-
tigation has shown, the three-dimensional turbulent boundary layer un-
der such conditions is of sufficient thickness to enable detailed probe
measurements, providing a sufficiently large model is used in conjunc-
tion with rather specialized probe instrumentation {(for example, the
miniature combined temperature and pressure probe designed by Meier
(Ref. 104) and used by Meier and Rotta (Ref. 105) to investigate super-
sonic and hypersonic turbulent boundary-layer structure). Such a future
experimental investigation would be of great value in assessing the pres-
ent three-dimensional model of invariant turbulence under hypersonic
conditions.
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Fig. 1 Windward Surface Orthogonal Coordinate System for
General Lifting Body Configurations at Incidence
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Fig. 2 Three-Dimensional Boundary-Layer Velocity Profiles in Streamline Coordinates
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Fig. 3 Coordinate System for Flow over an Infinite Yawed Circular Cylinder
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Fig. 4 Coordinate System for Hypersonic Flow Past a Sharp-Leading-Edge
Delta Wing at High Angles of Incidence
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Fig. 5 Schematic of Windward Surface Flow-Field Regimes for Sharp-Edged
Delta Wings at Incidence under Hypersonic Conditions as Taken from
Fig. C6 in Appendix C of Thomas and Perlbachs (Ref. 58)
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Fig. 6 Range of Applicability of Strip Theory for Sharp-Edged
Delta Wings at Incidence under Hypersonic Conditions
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Fig. 7 Windward Surface Flow Visualization Photograph of the NAR Delta Wing Orbiter
Configuration 129 at 30-deg Angle of Attack as Taken from Fig. 9¢c in Seegmiller (Ref. 74)
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Fig. 8 Oblique View Windward Surface Flow Visualization Photograph of the
NAR Delta Wing Orbiter Configuration 134 at 30-deg Angle of Attack
as Taken from Fig. 4b in Cleary (Ref. 75)
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70-deg Sweep Sharp Prow Delta Wing
at Zero Angle of Attack
Mg = 9.86, Regy p =9 x 10%, T, = 540%R

Present Three-Dimensional Laminar
Boundary-Layer Theory

O Experimental Data from Fig. 6a
of NASA TN D-2302 (Ref. 27)
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Fig. 9 Comparison of Laminar Heat-Transfer Results for the Cylindrically
Blunted Leading Edge of a Sharp-Prow Delta Wing at Zero Angle of Attack
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Fig. 10 Comparisons of Pressure and Heat-Transfer-Rate
Distributions on a Yawed Cylinder
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— Present Three-Dimensional Boundary-Layer Theory
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Cylinder Heat Transfer
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— Present Three-Dimensional Boundary-Layer Theory
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Fig. 13 Schematic of Stagnation or Attachment Line Flow over an
Infinite Extent Yawed Circular Cylinder
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80-deg Sweep Sharp Leading Edge Delta Wing
at a = 60 deg with Mg = 6.08
O Experimental Data from Fig. 5 of |AS Paper
No. 63-55 (Kennet, Ref. 59)
=== South One-Strip Method of Integral Relations
for a Flat-Faced Body (Ref. 61)
x Numerical Calculation Following Kennet as Taken
from Fig. 5 of IAS Paper No. 63-55 (Ref. 59)
Note: Centerline Pressure Determined from Classical
Newtonian Theory
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Fig. 14 Spanwise Surface Pressure Distribution on a Sharp-Leading-Edge
Delta Wing at High Incidence
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75-deg Sweep Sharp Leading Edge Delta Wing
at a =60 deg with Mgy =9.6
One-Strip Method of Integral Relations for a Flat-
Faced Body Following South (Ref. 61)
—=— | nviscid Delta Wing Analysis by
Kennet (Ref. 59)
—=—== Newtonian-Type Solution of
Cole and Brainerd (Ref. 25)
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Fig. 15 Comparison of Calculated Spanwise Shock Shape on
a Delta Wing at High Incidence
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75-deg Sweep Sharp Leading Edge Delta Wing

at a = 60 deg with M@ = 9.6 ,

One-Strip Method of Integral Relations for a
Flat-Faced Disk Following South (Ref. 61)
—-= | nviscid Delta Wing Analysis by Pearce (Ref. 60)

Note: Centerline Pressure Determined from
Classical Newtonian Theory with
Centerline Shock Angle Set at 67.5 deg
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Fig. 16 Spanwise Inviscid Flow Parameters on a Sharp-Leading-Edge
Delta Wing at High Incidence
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85-deg Sweep Sharp Leading Edge Delta Wing
at a =30 deg with Mgy = 7.4

===="= One-Strip Method of | ntegral Relations for a
Flat-Faced Disk Following South (Ref. 61)

Inviscid Conical Flow (Tangent-Cone) Centerline
—=«= Parallel Shock-Newtonian Pressure Centerline
=== |nviscid Delta Wing Analysis by Pearce (Ref. 60)
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Fig. 17 Spanwise Inviscid Flow Parameters on a Sharp-Leading-Edge
Delta Wing at Moderate Incidence
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85-deg Sweep Sharp Leading Edge Delta Wing
Mg = 7.4, Regfft = 2.5 x 108, T, = 5409R, L = 17.06 in.

=== Present Three-Dimensional Laminar
Boundary-Layer Theory
T Experimental Data from Fig. 8 of Ref. 79
with qm = 10. 49 Btu/fté-sec
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