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FOREWORD

This publication contains some of the papers to be presented
at the Unguided Rocket Ballistics Meteorology Cor ference, Those not
included here were not received by the Conference Chairman, E. J.
Trawle, in time for publication. All papers are printed as received
from the authors.
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EMPIRICAL DETERMINATION OF DRAG
R. F. Filbin

RAYTHEON COMPANY
Missile Systems Division
Bedford, Massachusetts

1, Introduction

During the development of the Ballistic Missile Target System a
considerable effort was expended in attempts to determing the drag coeffi-
cients of gliding vehicles, Initially, it was expected that the drag coefficient

would be calculated as:
Cp =—-—£Z-— (m\"+w sin y)
Pves

using values of V, (r, ¥, and P provided by the missile range, It turned
out thagt‘::locity data, evaluated by diffcr::ltiating radar position measure-
ments, contained excessive scatter"andAacceleration data, obtained by
differentiating the velocity data, contained so much scatter as to be useless,
During the BMTS Program it was noted that whenever range recovery
crews were unable to locate an expended vehicle, a second search, guided
by an extrapolation of radar position data, always resulted in vehicle
recovery,
One BMTS flight was instrumented to provide independent measurements
of missile position by radar and Dovap, This vehicle flew a ground range of

nearly 100 nmi. Except for a short period near first stage burnout, the

maximum difference i altitude and ground ran
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by the two instrumentation systems, was less than 0,02 percent, Velocity

measurements of the two systems differsed by as much as 20 percent,




It was concluded from the two observations (ability to extrapolate

position data to impact and clone agreement between independent moasure-

ments of position over & 100 mile trajectory) that the position measurements

, are very accurate &nd the procedure to be described was developed as a
! ‘ means of determinifig the drag of a ballistic vehicle on the basis of its

position history and without prior knowledge of its'velocity and acceleration,
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2. Descripntion of Procedure

2.1 Introduction

The observed trajectory is described by a sequence of points in
the three dimensions of time, altitude, and ground range, For analysis, it
is divided into segments on the basis of time, ‘The drag coefficient, velocity,

and acceleration at any instant are evaluated by computing a trajectory segment

which matches the observed trajectory in the neighborhood of interest, The
complete histories, from the time of motor burnout to the time when tracking
is lost, are obtained as the computed.histories in contiguous segments.

The task of computing trajectory segments which match the
ohserved position hisfory is quite sim:ple, since preflight and flight test
measurements provide accurate values for all but three of the variables
in the equations of motion and even these are known with sufficient accuracy
so that linear interpolation is appropriately used for their precise evaluation,
It should be noted that general use of the word "interpolation" is made in
this paper to indicate either interpclation or extrapolation.

The computed range, altitude, speed, and flight path angle at the
end of any segment are functions only of:

a) Missile weight

b) Atmospheric properties (pressure, speed of sound,
and wind velocity)

c) Vehicle position (altitude and range) at the start of
the segment

d) Speed and flight path angle at the start of the segment

e) Vehicle drag coefficient




Vehicle weight is known by. simply weighing each vehicle prior to launch
and taking account of the propellant weight as determined by the rocket
manufacturer. Atmespheric properties and the vehicle's position histdry
are routinely and accurately measured by range personnel in support of
each flight test. The only unknowns in the equations of motion are then
the speed and flight vath angle at the start of the segment and the vehicle
drag coefficient, Approximate values for the initial speed and .light
path angle can be computed from first diffewences in the observed poci-
tion history and the approximate rélation of drag coefficient as a function
of Mach number is known from theoretical calculations which are neces-
sarily made before each flight teast for the purpose of impact prediction.

In the description which follows, the concept of 8 drag multi-
plier is introduced. The drag multiplier is a corrective coefficient
which is applied to the assumed drag coefficient so that the product of
the two is the actual drag coefficient used in the calculations., Later
discussion may seein to refer to the drag coefficient as if it were a
numerical conctant but this is not the case. A curve displaying the
usual variation with Mach number ie assumed and the method provides
a logical procedure for determining a sequence of corrective multi-
pliers, each of which is appropriate tc a small segment of the trajectory.
In any segment, the correct multiplier is considered censtant but the
corrected drag coefficient iz a function of Mach number.

The computer program which has been used for trajectory
computations is a modified version of the TRAJ Program which was
developed at White Sands Missile Range.l The modifications include

r6ochran, Vertis C,; D'Arcy, Edward M, ; Ramirez, Florencio:
Digital Computer Program for Five Degree of Freedom Trajectory
ECOM-5036, Atmospheric Sciences Laboratory, White Sands Missile
Range, New Mexico, March 1966




an additional item of input, missile range at th~ start of a segment,
and seven additional items of output! ground range, height above sea
level, total velocity, vehicle weight, drag coefficient, tangential
acceleration, and normal acceleration. When a trajectory segment

is computed which accurately matches the observed position history
and satisfies certain tests for continuity with adjoining segments, then
the histories of velocity, acceleration, and drag coefficient are read
directly from the computer printout.

2.2 Description

A sequence of four steps is required to determine the drag
coefficient and the velocity and acceleration historfes. This sequence
may need to be repeated one or more times depending on the accuracy
of values used in the initial computations, The four steps are:

1) Divide the trajectory into segmenta on the basis of
time.

2) Compute two paths between the initial and final
pointas of each segment, one path for each of two
initial velocities.

3) For each segment, determine, by linear interpola-
tion, the characteristics of a third path which, in
addition to passeing through the initial and final
points, passes very close to the observed midpoint
vf the segment,

4) Check for continuity.

The processes involved in carrying out the steps listed above
are described in some detail below,

Step 1 (Figure 1)
An optimum basis for dividing the trajectory into seg-
ments has not yet been estabiished, but two objectives of this task
are readily identified and a degree of conflict between the objectives
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i{s apparent. First, it is desired that each segment be limited to a
sufficiently small range of Mach numbers to assure the reasonableness

of using a constant corrzction factor to the assumed drag curve.
Second, it is desired that each segment cover a sufficiently long time
period o that small errors in the position measurements will not be
a cause for scatter or excessive uncertainty in the reduced velocity
and acceleration histories.

Experience to date indicates that the segment lengths
should range from about five to forty seconds, depending on altitude,
as shown in Figure 1. In analy=ing flights which go to very high altitudes,
the entire high altitude portion should not be treated as one segment. The
reason for this is that the angle-of-attack history in ascent may differ
appreciably from that in descent with consequent effect on the total drag
coefficient and the velocity and acceleration histories.

Step 2 (Figures 2 through 10)

To determine a path subject to the physical restraints
governing ballistic flight and passing through the initial and final points
of a segment, six intermediate steps are required. To compute a
second path which also passes through the observed initial and final
points of the segment, the same steps are repeated using a different
value of initial flight speed.

1) (Figure 2)

Agsume an initial value of flight speed (V,), two
values of initial flight path angle ('yl and 72), and

two values of drag multiplier (D, and D,). Compute
four trajectory segments, one for each possible com-
bination of drag mruitiplier and initial flight path angle.
Typical histoxies of altitude versus range for the four
trajectory comoutations are shown in Figure 2. For
the cases p’: .. . =~ the multiplier D: is less than the
m.altiplic - *° < «d the computed distances travelied in
tke time period from t; to t, are greater with the
multiplier D; than they are with D,.
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Figure 2 - Step 2(1) - Compute Four Trajectory Segments
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2) (Figure 3)

Asg pictured in Figure 3, interpolate linearly with final
altitude as the independent variable and initial flight
path angle as the dependent variable to find Yqe This is
the flight path angle associated with V1 and D1 which,
if linear interpolation is truly applicable, provides a
match to the observed altitude at time t,. Interpolate
with range as the independent variable to find Yy also
asgociated with V, and D,, which provides a match to
the observed range at t,.

3) (Figure 4)

Repeat Step 2(2) for V; and D,: find ¥4 which provides
a match to the observed altitude at tz, and find Y6
which provides a match to the obaserved range at t,.
This procedure is pictured in Figure 4,

Y

( 'a'HZ) R2)

Figure 3 - Step 2(2) - Intexpolate to Find the Flight Path Angles, Y5 and 74,
Associated with Vy and Dj, which Provide Matching of
Final Altitude und Final Range, Respectively

-9 -




Figure 4 - Step 2(3) - Interpolate to Find the Flight Path Angles, ¥ g and ¥,
Asggociated with Vi and D2, which Provide Matching of
Final Altitude and Final Range, Respectively

4) (Figure 5)

Ag pictured in Figure 5, consider the two combina-
tions of drag multiplier and initial flight path angle
which provide a match to the observed zltitude at ty
namely D1’73 and D2’ Y5 Interpolate linearly with
range as the independent variable and drag multiplier
and flight path angle as dependent variables to find a
combination of drag multiplier and flight path angle
which, if linear interpolation is truly applicable,
provides a match to the observed range at time t,.
Call this combination D3, Yqe

(5]
~

{Figure 6
As pictured in Figure 6, consider the two combina-

tions of drag multiplier and initial flight path angle
which provide a match to the observed range at time t,,

-10 -
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Figure 5 - Step 2{4) - Take the Two Combinations of Drag Multiplier and
Flight Path Angle which Provide a Match to Final Altitude and
Interpolate for Final Range

VisDiyya
vh 041 s
Vi, D2,76

(41, HR) \\

- T

= R
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Figure 6 - Step 2(5) ~ Take the Two Combinations of Drag Multiplier and
Flight Path Angle which Provide a ia ch to Final Range and
Interpolate for Final Altitude

- 11 -




6)

(tp HpR)

namely Dl’ Y4 and DZ' Yo Interpolate linearly with
altitude as the independent variable and drag multi-
plier and initial flight path angle as dependent variables
to determine a combination of multiplier and angle
which provides a match to the observed altitude att,,
Call this combination D4, Yg:

(Figure 7).

Verify that D3 = D4, Yo = Vg and that a computed
trajectory segment which starts at (tl, Hl’ Rl) with
initial speed V,, flight path angley, = vg, and drag
multiplier D3 = D'4 does indeed terminate at the

point (tZ‘ H,, R,). If the computed trajectory segment
does not terminate at the point (tz, HZ’ R.Z), then it is
necessary to repeat all six of the steps listed in this
section using a more appropriate choice of drag mul-
tipliers and initial flight path angles as indicated by
results of the first iteration.

H
A

V|0 03'73'
> R
(va Hav Ra)
03 2 D“
Ys " 7Ys

Figure 7 - Step 2 (6) - Compute a Path which Pz ses through the
Initial and Final Points of the Segment

-12 -




7} (Figure 8)

Compute a second path which also passes through the obzerved
initial and final points of the segment by repeating ateps 2 (1)
through 2 (6) using a second estix;nate 'of initial speed, Associate
with this path the symbols Vz, D 30 Y 9 for initial speed,

drag multiplier, and initial flight path angle, respectively.

H
(t,H,Ry) A

Vg, 0'3, )’-'(

\ -R

(t2,Hz2,R2)

Figure 8 - Step 2 (7) - Compute a Secor.d Path, Associated with a
Second Estimate of Initial Speed, which also Passes through the
Initial and Final Points of the Segment

At the conclusion of Step 2, two paths have been computed
which pass through the observed initial and final points of a segment. The
only differences in input for the two con.putations are the initial speed, initial
flight path angle, and drag multiplier. Assume that one of the initial gspeeds
used in computations is greater than the true speed at time ty. Then the com-
puted position history on this path provides an exact match to the obgerved
position history only at time tl and tz. At all intermediate values of time,
the computed position history is always running ahead of the observed position
history, as pictured in Figure 9, The discrepancy between the observed and
the computed positions is greatest at, or nearly at, the midpoint of the segment,
Similarly, assume that one of the initial speeds used in computations is less than

the vehicle's actual speed at time t,. Then, as pictured in Figure 10, the computed
position history continually lags behind the observed position history and has a

maximum error at, or nearly at, the timewise midpoint of the segment,
~13-
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Figure 10 - Comparison of Computed and Observed Position Histories
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Step 3 (a and b) (Figures 11 and '2)

The procedure for determining the characteristics of a path
which, in addition to passing through the initial and final points of a segment,
passes very close to the observed midpoint, is simply another exercise in
linear inlerpolation. Denote by (tM, Hyp RM) the time and position coordi-

nates on the observed trajectory where
t = 1 (t, +¢t,)
M~ 2 Y12

Taking the two computed paths which pass through the observed initial and
final peints of the segment, interpolate as shown in Figure 11 with midpoint
altitude as the independent variable to find the initial speed and the associated
flight path angle and drag multiplier of a path which passes through the three
points (tl. Hl’ R‘l)’ (tM, HM, R’M' + §), and (tz, HZ' RZ). The term "6"
represents the slight range error that would occur at the midpoint attitude
match, Interpolate again (Figure 12) with midpoint range as the independent
variable to find the initial speed, flight path angle, and drag multiplier of a
path which passes through the three points (t;, H, Rl)’ (tM, Hy te R.M),
and (tz, HZ' RZ). The term "¢" represents the small altitude error that would
exist at the midpoint range match. Compare the two sets of answers thus
obtained. Hopefully, the values of 6 and ¢ are very near zero, with identical
values being ohtained for the two velocities. In practice a small discrepancy,
in the order of %3 fps, usually exists. This discrepancy is principally due to
small errors in the observed position history.

If the two sets of data for initial speed, initial flight path
angle, and drag multiplier determined by the interpolation described above
are essentially identical, then the histories in this segment of flight speed,
acceleration, and drag coefficient can be determined by computing a trajec-
tory segment for which the initial speed, flight path angle, and drag multi-
plier are taken as the arithmetic mean of the values determined by intezpola-
tion,

If the two sets of data for initial speed, flight path angle,
and drag multiplier as determined by the interpolation described in this sec-
tion are not in satisfactory agreement, then the upper and lower bounds on
the histories of flight speed, acceleration, and drag coefficient can be deter-
mined by making two computations, one for each set of values given by the

interpolation.

-15 -
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Figure 11 - Step 3(a) - Take the Two Computed Paths which Pass through
the End Points of the Segment and Interpolate to Match Midpoint Altitude

R
+4
i - Vie D377
- /—————-\\
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Figure 12 - Step 3(b) - Take the Two Computed Paths which Pass through
the End Points of the Segment and Interpolate to Match Midpoint Range
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Step 4 (Figure 13)

Having carried out Steps 2 and 3 for all of the segments
which are to be analyzed, it is desirable to check for continuity. The
initial speced in any segment should be equal to the computed final speed
of the pricr segment. The initial flight path angle for any segment
should be equal to the computed flight path angle at the end of the pre-
vious gegment, When these tests are satisfied, then it can truly be
said that the histories of drag coefficient, velocity, and acceleration
have been determined by computing trajectory szgments which match
the test vehicle's observed position history.

- 17 -



b e e cnae

b — - -

v

i 79

Je

Figure 13 - Step 4 - Check for Continuity
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3. Example of Procedure

To illustrate the procedure just described, it will be applied to the
analysis of a portion of the trajectory flown by BMTS Round 15, Thia
vehicle had a flight time of 272 seconds, covering a ground range of 100 nmi
and reaching an apogee allitude of 250, 000 feet. For the purpose of this
example, we consider the portion of the trajectory shown in Figure 14,

This covers the time period from 235,3 to 268, 0 seccnds after launch,

altitudes from 118, 000 to 19, 000 fcet, and a ground range of about 11 nmi,

Step 1

The portion of the trajectory selected for analysis was divided
into four segments as shown in Figure 14, Coordinates of the observed

initial and final points of each segment are listed in Table 1,

TABLE 1
TRAJECTORY COCRDINATES

Time Altitude Range
(rec) (feet) (feet)

235.3 117,971 516, 249
245,3 87,868 539,332
257.6 48,386 566,292
254.1 28,892 5178, 359
263.0 18, 886 584,173

Step 2

To illurtrate the several processes involved in determining two
paths between the initial and final points of 2 segment we consider the time

period from 257.6 to 264.1 seconds.

-19 -
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Step 2(1)

An initial speed, two values of initial flight path angle, and
two values of drag multiplier were assumed. Using these values, four
trajectory segments were computed with results as shown in Table 2. The

first column of this table refers to the trajectories shown in Figure 2.

TABLE 2
INITIAL COMPUTATIONS
vV, = 3812 fpn

Dra Initial Flight Final Final

Trajectory Multi lgier Path Angle Altitude Range

P (degrees) (feet) (fect)
Vi» Dy vy 1.0 -56.3 28,892 578,873
Vi D Y, 1.0 -59.3 28,277 577, 858
Ve Dy vy 1.4 -56,3 29,509 578,472
Vi» Dyy v, 1.4 -59,3 28,918 577,486

Step 2(2)

Consider the trajectories associated with Vl and Dl' Inter-
polate linearly to determine the flight path angle which would provide a
computed trajectory segment terminating at the observed final altitude.
Make a second interpolation to find the flight path angle giving the observed

final range., These interpolations are shown in Figure 3 and in Table 3

where the obgserved final altitude and final range are underlined for clarity.

- 2! -




TABLE 3

DETERMINATION OF FLIGHT PATH ANGLES TO MATCH FINAL
ALTITUDE AND RANGE, RESPECTIVELY

vy = 3812 fps D, =1,0

Initial Flight Final Final

Trajectory Path Angle Altitude Range

(degrees) {feet) (feet)
vy Dl' Y, -56.3 28,892 578,873
Vyr» Dy ¥4 -56,301 28, 892 578, 872
Vir Dy vy -57.819 28,581 578, 359
Vi» Dyv 7, -59.3 28,277 577, 858

Step 2(3)

Interpolate to find the flight path angles associated with Vi
and DZ which provide a match to the observed final altitude and final range,

respectively, This step is illustrated in Figure 4 and Table 4.

TABLE 4

DETERMINATION OF FLIGHT PATH ANGLES TO MATCH FINAL
ALTITUDE AND RANGE, RESPECTIVELY

vV, = 3812 fps D, = 1.4

Initial Flight Final Final

Trajectory Path Angle Altitude Range
(degrees) (feet) (feet)
v D,, Vs -59.435 28,892 577,442
Vi» Dy ¥ -56.644 29, 441 578, 359
Vs Dy v, ~-59,3 28,918 577,486

- 22 -




Step 2(4)

Consider the two combinations of drag multiplier and flight
path angle which provide a match to final altitude and interpolate for final

range, as shown in Figure 5 and Table 5.

TABLE 5

DETERMINATION OF FLIGHT PATH ANGLE AND DRAG MULTIPLIER
TO MATCH FINAL RANGE

Vv, = 3812 fps

Dra Initial Flight Final Final

Trajectory Multi fier Path Angle Altitude Range

P (degrees) {feet) {feet)
Vyr Dy 73 1.0 -56,301 28,892 578,872
Vys Dy, Y4 1.1436 -57.426 28, 892 578,359
Vi Dz, Vs 1.4 ~59,435 28,892 577,442

Step 2(5)

Consider the two combinations of drag multiplier and flight

path angle which provide a match to final range and interpolate for final

altitude, as shown in Figure 6 and Table 6.

TABLE 6

DETERMINATION OF FLIGHT PATH ANGLE AND DRAG MULTIPLIER
TO MATCH FINAL ALTITUDE

v, = 3812 fps
Trajectory Dx:ag Irg:ita}f friggt Aft‘iirzl:ée If;:;i
Multiplier (degi‘ecs) (feet) {feet)
Vie D7y 1.0 -57.819 28,581 578,359
Vi» Dy 7p 1.1447 -57.394 28,892 578,359
Vis» Dy vy 1.4 -56,644 29, 441 578, 359
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Step 2(6)

At this point it is necessary to verify that D3 = D4 and Y9=Vg
Comparing entries in Tables 5 and 6 the drag multipliers are seen to differ
by 0.09 percent and the initial flight path angles by 0,032 degrees, A
computed segment using the values of drag multiplier and flight path angle
given in Table 5 was found to terminate eight feet low in altitude and seven
feet short in range, A computation with the values shown in Table 6 ended
one foot high in altitude and three feet long in range. As percentages of the
observed altitude change in this segment, more than 19, 000 feet, and the
observed change in ground range, almost 2 nmi, these are very smail
errors. However, for the purpose of demonstrating the appropriateness of
linear interpolation in this procedure, the errors were considered excessive
and a second iteration was carried out using a more appropriate selection of
drag multipliers and flight path angles as indicated by the interpolations in
Tables 5 and 6. Results of the gsecond iteration are shown in the second part
of Table 7; the first part of this table will be recognized as a summary of
data previously shown in Tables 2 through 5.

The second iteration to determine the combination of drag
multiplier and initial flight path angle which, together with the assumed
initial speed of 3812 fps, provide an accurate match to the final coordinates
of the segment, resulted in a discrepancy of only 0,02 percent in drag
multiplier and no difference in the two values for initial flight path angle.
The two drag multipliers were simply averaged and it was verified that the

combination

Vv, = 3812 1fps, D, =D

y = 3 4 = 11,1442, 'y7 = 'y8 = ~57.401 deg

does indeed provide a precise match to the obgserved time, altitude, and

range coordinates of the segment end point. This is shown in Figure 15 where
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TABLE 7
INTERPOLATIONS TO MATCH ENDPOINT COORDINATES

Vl = 3812 {ps
Drag Initial Flight | Final Flight | Final Final Final
Multiplier Path Angle Path Angle | Speed | Altitude Range
(degrees) (degrees) (fps) (ft MMSL) (feet)

FIRST ITERATION

1.0000 -56,300 -58.117 3258, | 2889z. 578873.

-56, 301 -58,118 3258, | 28892. 578872,

-57.819 -59,562 3256, | 28581, 578359,
1, 0000 -59,300 -60.971 3254, | 28277. 577858,
1,4000 -56.300 -58,178 3032, | 29509. 578472,

-59,.435 -61.156 3025, | 28892. 577442,

-56, 644 -58,505 3031, | 2944l. | 578359.
1,4000 -59,300 -61,028 3025, | 28918, 577486,
1.0000 -56,301 -58,118 3258, | 28892, 578872,
1,1436 -57,426 -59,208 3174, | 28892. 578359,
1.4000 ~59,435 -61,156, 3025, | 28892, 577442,
1,0000 -57.819 -59.562 3256, | 28581. 578359,
1,1447 -57.394 -59,180 3175, | 28892, 578359,
T.4000 ~56, 644 -58,505 3031, | 29441. 578359.

SECOND ITERATION

1.1300 -57.360 -59 145 3179. 288717. 578388.
-57.287 -59.076 3179. 28892. 578412,
-57,445 ~59.225 3179. 28861, 578359,
1.1300 -57.460 -59.240 3179, 28858. 578354,
1,1500 -57.360 -59.148 3168, 28910, 578367,
~-57.448 -59.232 3168, 28892. £78338.
-57.384 -59,171 3168, 28905, 578359,
1.1500 -57.460 -59.243 3168, 28889, 578334,
1,1300 -57,287 -59.076 3179. 28892, 578412,
1,1443 -57.401 -59,187 3171, 28892, 578359.
1,1500 -57.448 -59.232 3168. 28892, 578338.
1.1309 -57.443 ~59.225 3179. 28861. 578359,
1,1441 -57,401 -59.187 3171, 28892. 578359.

1.1500 -57, 384 -59.171 3168, 28905. 578359,
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13

the differences between the observed and computed altitude and between the
observed and computed range in this segment are plotted as functions of
time. It is seen that the comput:d position history runs continually akead

of the observed position history. This clearly shows that the assumed initial
speed of 3812 fps is greater than the vehicle's actual speed at the initial

point of the segment.

Step 2(7)

To compute a second path between the observed initial and
final points of the segment, an initial flight speed of 3782 fps was agsumed,
The computations which were made to determine the correct combination of
drag multiplier and initial flight path angle associated with this initial speed
are summarized in Table 8, Again, the initial choice of multipliers and
flight path angles was quite different from the interpolated results and a
second iteration was carried out using a more appropriate range of these

variables.,

Step 3
The two computed paths which pass through the segment end points
were studied at the midpoint value of time, 260.8 seconds. Linear inter-
polations were made to find the values of initial speed, flight path angle, and
drag multiplier that would match the midpoint altitude and midpoint range,

respectively. These interpolations are pictured in Figures 11 and 12,

respectively, and numerical values are shown in Table 0 wh

midpoint altitude and midpoint range are underlined for clarity,
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TABLE 8

INTERPOLATIONS TO MATCH ENDPOINT COORDINATES

Vz = 3782 fps
Dra Initial Flight | Final Flight | Final Final Final
Multinier | Path Angle | Path A gle | Speed | Altitude | Range
P (degrees) {degrees) (fpe) (ft MSL) {feet)
FIRST ITERATION
0.6000 ~-56,300 -58,068 3495, 28369. 579211,
-53, 842 -55, 727 3496, 28892, 580062,
-58.760 -60,412 3494, 27845, 578359,
0.6000 -59.300 -60. 926 3494, | 27730, | 578172,
1.0000 -56.300 -58,129 3238, 29030, 578780,
-56, 981 -58.777 3238, 28892, 578552,
~57,.554 -59,322 32317, 28775, 578359,
1.0000 59,300 -60.983 3234, 28420, 577773,
0.6000 -53,842 -55, 7217 3496, 28892, 580062,
1.0510 -57,381 -59.166 3205, 28892, 578359,
1.0000 56, 981 -58, 777 3238, 28892, 578552,
0.6000 -58.760 -60,412 3494, 27845, 578559,
1,0502 -57,403 -59.186 3204, 28892, 578359,
1.0600 -57.554 -59,322 3237, 28775. 578359,
SECOND ITERATION
1,0400 -57.340 -59.125 3213, 28877, 578395.
-57.267 -59.056 3213, 28892, 578419,
-57,446 -59.226 3213, 28855, 578359,
1.0'00 -57,440 -59.220 3213, 28856, 578361,
1,0600 -57.340 -59,1218 3201, 28908, 57835
-57.423 -59.207 3201, 28892, 57834 .
-57.386 -59,172 3201, 28899. 578359,
1.0600 -57,440 -59,223 3201, 28888, 578342,
1.0400 -57.261 -59.056 3213, 28892, 578419,
1.0566 -57.396 -59.181 3203, 28892, 578359,
1. 0600 -57.423 -59,207 3201, 28892, 578347,
1.0400 67,446 -59,226 32113, 28855, 578359,
1,0567 -57.396 -59.181 3203, 28892, 578359,
[.0600 -517. 3806 -59,172 3201. 28899. 578359.
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TABLE 9

DETERMINATION OF INITIAL SPEED, FLIGHT PATH ANGLE,
AND DRAG MULTIFPLIER TO MATCH MIDPOIN'T ALTITUDE AND
RANGE, RESPECTIVELY

— N
Vl' D3, 77 3812 1,1442 -57.401 38,386 572,586
3768.0 1,0172 -57.394 38,449 572,547
3774.2 1.0332 -57.295 38, 441 572,552
VZ' Dl'i’ 'y.; 3782 1.0566 -57.396 38,429 572,559

The results given in Table 9 indicate that both c{ the initial speeds
assumed for this example are toc high, Are the extrapolations in Table 9
valid? To answer this question, Step 2 was repeated, using as new estimates
of initial speed, the extrapolated values in Table 9. Results of the second
iteration through Steps 2 and 3 are summarized in Table 13, The second
iteration provides a more accurate set of values but the improvement is
everywhere less than 0,22 percent,

The two sets of answers in Table 10 are not identical: if one selects
the combination of speed, multiplier and angle which provides an exact match
to the observed end points and to the midpoint altitude, then an error cf 5 feet
in midpoint range rnust be accepted. If one selects the combination of speed,
multiplier, and angle which provides an c¢xact match to the midpoint range,
then an error of 8 feet in midpoint altitude must be accepted. These position

errors are considered indicative of the accuracy of position measurements in

this segment, The interpolated values for initial speed, 3769.0 and 3774, 3 ips,

indicate prebable upper and lower bounds of the vehicle's actual speed at

time 257.6 seconds.
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TABLE 10
INTERPOLATION TO MATCH MIDPOINT COORDINATES

|
i
.[
|
! o First Iteration
|
Initial Drag Initial Flight Midpoint Midpoint
i Speed |Muitiplier Path Angle Altitude Range
| 3782 1. 0566 -57.396 38, 429 572,559
- 3768.0 | 1,0172 -57.394 38,449 572,547
'5 3774.2 | 1.0332 -57.395 38, 441 572,552
§ 3812 1. 1442 -57. 401 33,386 572,586
|
3 Second Iteration
‘ rlnitial Drag Initial Flight Midpoint Midpoint
i Speed |Multiplier Path Angle Altitude Range
F 3768, 0 | 1, 0169 -57.394 38, 450 572,546
| 3769.0 | 1.0194 -57.394 38, 449 572, 547
= 3774.3 | 1, 0350 -57.395 38, 441 572,552
. 3774.2 | 1.0348 -57.395 38, 441 572,552

An initial speed in the range 3769 to 5774 fps was arbitrarily selected,
the associated drag multiplier and initial flight path angle were determined
by linear interpolation between values listed in Table 10, and a trajectory

segment was computed with
V =3770 fps v = -57.394 deg, D=1.0224

r The differences between the computed and observed altitade and between com-

puted and observed range are shown in Figure 16. Nowhere does the computed
altitude or range deviate from the measured value by more than five feet.

A comparison of Figure 16 with Figure 15 shows the improvement gained.

yet the initial speed for the computations associated with Figure 15 was

chosen less than the speed detevrnined at the missile range frum Dovap data.
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Step 4

After Steps 2 and 3 have been carried out for each of the segments to
be analyzed, the results can be arranged in a format to facilitate checking for

continuity, One such arrangement is shown in Table 11.

TABLE 11
CHECK FOR CONTINUITY

Trajectory Matches Initial Final

Segmen. Endpoints and Speed Speed
U midpoint altitude 3691 3888
midpoint range 3697 3879

v midpoint altitude 3879 3770
midpoint range 3885 37690

w midpoint altitude 3769 3217
midpoint range 3774 3212
X midpoint altitude 3200 2725
midpoint range 3215 2712

The fina’ velocity of each segment should be equal to the initial velo~
city of the succeeding segment. The range of uncertainty indicated in Table 11
is very small, never more than 0.5 percent of the lower probable value. With
such small lifferences, it is probably not possible to achieve increased accur-~
acy by selecting a path on which the computed speed at the end of one segment
is exactly equal to the initial speed of the succeeding segment, However, if
Table 11 were to show any appreciable discrepancies, as it would if there were
significant scatter in the position measurements, then the path of continuous

flight speedsz would provide a reasonable determinztion of the actual history.
The drag which had been used for the initial trajectory matching was
modified in the following way:
a, A path of continuous flight speeds through the four segrnents under

study was selected.
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b, The drag multipliers associated with this path were plotted as
functions of Mach number and a smooth curve was faired through
the points.

c. Each entry in the original drag table was multiplied by the appro-
priate correction factor.

The correction factors d:termined in this way ranged from 1,01 at Mach num~
ber 4,0 to 1,08 at Mach 2.6, The drag coefficient determined by this proced-
ure is shown in Figure 17, The extent to which this singla-valued curve fits the

observed position history will be considered in the followin; section,
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4, Comparison with Dovap and Radar Tracking L'ata

The corrected drag curve was used to compute four trajectory segments
which closely match the measured position history in the time period under
consideration. Adequacy of the matching achieved is shown in Figure 18 in
which the computed position history is compared with that measuxed by Dovap.
The maximum difference is 15 feet, a very small part of the measured posi-

tion change which exceeds 120, 000 feet in this time interval,

The computed history of flight speed is compared in Figure 19, with the
flight speed determined by Dovap. The Dovap speed history is continucus but
ranges from 45 to 30 fps greater than the computed speed. Since the computed
speed does indeed match the position history, the speed reported by Dovap
must be considered excessive with an average error in this interval of about 1 per-
cent, Errors of this magnitude are, of course, not important for the purpose

of practical determination of vehicle drag coefficient. :

The computed history of flight speed is compared in Figure 20 with the
speed determined at the missile range by numerical differentiation of radar
position data. The radar speed is re onably continuous only in the period
from 258 to 266 seconds, less than 25 percent of the interval chosen for study.
Where the radar speed is continuous, it displays an average exrror of only 1.5
percent, which is certainly accurate enough for most practical purposes. How~
ever, where there is considerable scatter in the reported flight speed, any
automatic procedure of data processing would indicate that very large positive
and negative accelerations are occuarring and a determination of drag coeffi~

cient could not be made.,
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5. Conclusions

A procedure has been described which utilizes position measurements,
the flight test data most frequently and mos accurately obtained at the mis-
sile range, and permits determinaticn of ve.ocity histories to a greater ac-
curacy than is presently obtained by either &.rect measurement or numerical
differentiation of poeition data. Simultaneously, the procedure provides

highly accurate records of vehicle acceleration and drag.
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DETERMINATION OF THE SOUNDING ROCKET CONFIGURATION

by

George R. Conrad

The design of a sounding rocket to accomplish a specific mission or
series of missions may be quite simple and straightforward or agonizingly
complex. To stretch a point, the selection of an existing vehicle design
for a new application constitutes '"determination of a configuration,"

This may not involve a process of design in the usual sense, but rather

a thorough survey and assessment of available hardware and technology.

Such action is as much to be applauded as the development of a new vehicle,
if wisely implemented, since major economies can be thus achieved.

This paper zddresses the problem of new vehicle design, which is the
other extreme in determining a configuration,

The design of a new rocket vehicle is an iterative process, because of
the broad variety of influencing factors, many of which are interdependent,
Quite often, the originmator of the raission requirements has only gross
knowledge of these requirements, such as estimates of the payload weight and
performance ranges. These are the crucial inputs to initiation of a vehicle
design,

The following discussion of the design process assumes that the sounding

rocket is characterized as a ballistic vehicle, i.e., the flight path is
controlled only by launcher aim, and the flight paths are to be of the near-

{ vertical type. The design will be discussed in four steps, largely serial in
nature but not exclusively so; these are: (I) Vehicle "Sizing", (II) Configuration

Selection, (III) Detail Design, and (IV) Testing.
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l I, Vehicle "Sizing"

With the minimum input information available, a first approximation of
the vehicle size can be determined by utilization of the impulse-momentum

equation which yields the well known vacuum velocity relationship:

( AV =T gl @)
where, A V = velocity increment in vacuum, no gravity field
{ g = acceleration due to gravity at earth surface
% Isp = propellaut specific impulse
! Mg = vehicle gross weight
i Mo = vehicle vurnout weight
and
Mg = K + Mm + M, 2)
' Mo = Mg - M, 3)
with

propellant weight

ZI,UK

payload weight
loaded motor weight

= miscellaneous inert weight

= F
il

= ¢ = motor mass fraction

¥ |

Equation (1) can be employed after the performance requirements, usually
expressed in terms of zenith altitude and/or time interval above some
altitude, have been converted to burnout velocity by means of the simple
uniform accaleration equations for translational motion, It should be
emphasized at this point that although many simplifying assumptions are made,
such as constant gravity after burnout, constani rocket exhaust velncity,
no acrcdvnamic drag and no gravity loss during burning, the simp.e equations

presented are most useful as a starting point,
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These re’ations permit use of twu powerful descriptive parameters for

any prxopulsion unit, the specific impulse Isp and the mass fraction ¢ .

Current technology has yielded Isp values of 290 #-;ec for solid propulsionr

units, and greater than 300 for liquid units, These are the exception

#-sec
N
rather than the rule, however, and for most motors suitable for sounding

rocket applications an Isp of 200-220 is suggested as more representative.

Mass fractinn values in excess of 0,90 have been achieved, but again, for
sounding rockets, values of the order of 0.7 are more realistic. The use of
advanced "state of the art" values at th’s point will tend to restrict the
choice of aveilahle propulsion nits, and leave insufficient margin to cope

with the toll in performance from drag and gravity losses.

The value of the payload weight M should be large enough to include
ancillary items which are often not included in the initial paylead weight
figure, e.g., tracking aids, safety command receivers, programmers. The
miscellaneous weight Mm is included to account for such inert weight items
as fin assemblies and payload airirame components. The miscellaneous weight
can vary greatly, depending on the mission, but a value of 25 to 30% of the
loaded motor weight is representative,

The "sizing" process can usually be accomplished by manual computations,
and initially should assume a single stage rocket. At this point ''real
motor performance characteristics must be compared against the first "sizing"
approximation. There may be a severe discrepancy between computed and practical
motor properties, indicating a need for a multi-stage rocket design.

Equation (1) can still be used for this purpose, by expanding it to

yield discreet terms fov each stage as shown.
AV = ]’_s g ln L o+ 1 sp gln Hgg_
P Mo; Mo,
Mon
e bl + I gln
sp 3 (4
n Mon )



where the weight values used properly describe the sums of all stages making
up the vehicle at any point in time. For multi-stage rockets, equation (4)

has been utilized to develop criteria for the optimum weight for each stage,
Typical of these optimization techniques is one published by Weisbord, (Ref. 1)
wherein the partial derivatives from Equation (4),

I M

gl 2 Mg1
SIS e et
g2 83
ace obtained and further manipulations are performed to yield a series of
M M
relationshins fo and (BB ... etc. Iterative solutions
Monkmax) Mg n-1] (max)

for these ratios ultimately define the optimum weight for each stage. The

complete sequence can be found in (Ref., I) but it is sufficient to point out

here that the technique can be applied for any number of propulsion stages,

if M and the Mm, g, and Isp are known or chosen for each stage. This provides

a useful test of the preliminary "sizing'" results for a multi-stage approach,
After cursory comparison of the results of the "sizing" computations

against some typical 'real" motors, the next step can proceed.

II. Configuration Selection

A. Propulsion Considerations

Following the '"sizing' phase, it is usually possible to synthesize
several candidate propulsion combinations after study of existing motor
designs. If existing motor designs do not fit the need in either single-stage
or conventional t= dem multi-stage form, consideration of clustered motors
to form particular stages can be ccnsidered, for either simultaneous burn
or "ripple-fire' modes,

It may even be necessary to initiate development of a new propulsion

unit if a satisfactory combination of existing motors ¢ nnot be achieved.
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The synthesis process is an extremely important one requiring

additional knowledge of mission requirements. Among these are:
1. Number of vehicles to be builc
2, Flight path dispersion limits
3. Payload environmental limits
4. Minimum payload packaging cross-sectional area
5. Launch site location/s

In selecting candidate propulsion combinations, the influence
of motor characteristics on the overall vehicle must be weighed, Table I
shows some of the more important interactions.

Most sounding rockst vehicles currently being employed have
a high slenderness ratio. The most obvious reason for using this shape is
its low drag. Another advantage is the ability of a small-diameter motor
case to sustain the high combustion chamber pressures associated with relatively
short-burn time motors.

The high slenderness ratio configuration suffers from a lack of
structural stiffness, and this has been a source of many in-flight mission
fajlares. This coufiguration also requires high-density payload packaging,
which compromises accessibility and increases fabprication and assembly costs.

The introduction of solid state electronic circuitry has alleviated
this protlem greatly in recent years and it is thus not as important a
considera:ion as formerly, if the payload is primarily electronic in nature.
0Oa balance, configurations or individual stages with major portions of the
£1i hit path within the lower, denser part of the atmosphere should possess a
high -lenderness ratio, while those operating almost or entirely exo-atmospheric
choula have a low slenderness ratio. The latter is particularly important for
missions where at:itude stability is important, since the low slenderness

ratio offers a more favorable moment of inertia ratio for spin stabilization,
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TABLE I

Motor Property Influence on Vebicle Performance & Environment
! -
i Thrust vs, Time Vehicle vibration
Profile Longitudinal acceleration profile
Wind Sersitivity and Dispersion

Aerodynamic heating
Structural Integrity

Vehicle Drag

Slenderness Ratio Structural Integrity

Payload Packaging density

B e T WA

Vehicle Drag

Exo-atmospheric attitude stability

Motor Mechanical Design Vehicle Dispersion
Structural Integrity
Cost

Reliability

Propellant-Type Ease c¢f Ignition
Storage and operating Temperature L&mits

4

Handling Safety




The thrust vs, time profile is one of the most critical motor
properties affecting the vehicle design. Recognizing that a long burn time
is desirable to hold acceleration, dynamic pressure, and aerodynamic heating
to a minimum, and that a high burn rate is desirable early in flight to reduce
wind sensitivity, an idealized thrust vs, time profile is depicted in Figure I(a)
for a single stage vehicle., The profile is generally regressive, and is
typical of several of the newer rocket motoxs designed for sounding applications.
This is a more difficult and expensive motor design to achieve, however,
because grain configurations are more complex and additional case insulation
is usually required, compared to the progressive-type profile,

Figure 1{(b) shows how a reasonable approximation of the regressive
profile can be achieved by staging near neutral, slightly progressive motors.

The neutral and progressive thrust profiles have been used widely
for sounding rockets, in single and multi-stage configurations. A special
example of the neutral thrust profile is the end-burning grain design, which
offers a burn time 4 to 5 times greater than the more popular internal
burning type. The end burner represents a concerted assault upon the severe
heating and acceleration enviromment produced by the short-burn motor,

Although a few end-burning designs have been successfully developed,
e.g. Arcas and Iris, this type has not been widely used because of extreme
wind sensitivity, and difficulty in achieving adequate motor case insulation,

The progressive thrust profile is the easiest for the motor designer
to achieve, and is the least expensive, There are consequently more of these
to choose from among existing designs.

The liquid propellant engines are characterized by neutral thrust-
time profiles, although there hac been progress achieved in throttleable
and re-startable engines., The sounding rocket designer rarely chooses the
liquid engine, because it is more complex in design and ~onstruction, with

greater attendant cost and more complexity in launch operations,
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TYPICAL SOLID PROPELLANT MOTOR
THRUST-TIME PROFILES

THRUST

\

TIME
FIG. la REGRESSIVE THRUST PROFILE

= — COAST INTERVAL

THRUST ! STAGE

STAGE II

TIME

FIG. Ib STAGING WITH PROGRESSIVE

THRUST PROFILE
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The motor mechanical design is of sighificance for the more
obvious rzasons of fabrication cost, structural strength, and reliability.
These criteria can be best achieved by a simple design with a minimum
number of parts, and avoiding the obsession of mass fraction ¢, Althoughg
is an important parameter in achieving high performance, it is better to be
able to achieve slightly inferior performance consistently through conservative
structural design, than to achieve occasional optimum performance amid a
large number of catastrophic failures. Fortunately, nearly every propulsion
unit now available has avoided this pitfall,

Thrust misalignment is one of the prime sources of ballistic vehicle
dispersion and it is extremely important that manufacturing tolerances be
controlled to assure a straight motor case, a concentric propellant grain,
minimum "run-ouc" on payload and fin attachment surfaces, and a concentric,
properly aligned nozzle. Theve is a practical "point of no returan" in
controlling these tolerances because of cost considerations, but before any
propulsion unit is selected as a candidate these tolerances should be thoroughly
examined,

The type of propellant used in a motor design strongly influences
storage and operating temperature limits. A few formulations cannot withstand
low-temperature conditioning, because of grain embrittlement cesulting in
cracks, Others become a safecy hazard at high temperature, Some propellants
are susceptible to excessive structural deformation and fracture in a high-
acceleration environment.

In addition to the many points noted above, consideration should be
given to the motor nozzle design, to assure that; (1) The nozzle will not
operate in the over-expanded mode for the intended altitude range, since this
severely compromises delivered impulse, and (2) The nozzle operates sufficiently

close to optimum expansion at high altitudes to realize the additional impluse
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to be gained. It is often wortnwiie to develop a new nozzle for an existing
motor design to achieve this extra performance, There is still another
consideration here; Upper stage motors burning at very high altitudes near
the upper edge of the atmosphere generate a spreading plume which can cause
air flow separation in the vicinity of the stabilizing fins or flared skirt,
diminishing their effectiveness with resulting vehicle instability. Operating
at or near-optimum nozzle expansion minimizes this problem,
B. Point-Mass Trajectories

After motors have been selected for one or more candidate con-
figurations, point-mass trajectories can be computed to verify that the "real"
motors operating in the presence of drag and gravity still yield the required
performance. The weight estimates should be revised to reflect the actual
weights of the motors selected, and a weight vs., time profile must be
computed, The loss in weight during motor burning can be grossly estimated
by assuming a constant mass flow rate, or more precisely by assuming ﬁp = K x Thrust,
where

K = Propellant weight
Total impulse

A plot of the vehicle drag coeeifient as a function of Mach Number
can be obtained by examining the available literature describing vehicles of
similar shape. It is not too important at this point that the match be precise.

The following relationship can be written for the "Point-Mass®

trajectory computation:

H—%LE— =R () -3 - W (L)

-
wn
S

I 3
Rei— [Io-He, e A

Wo(t) 2 - =
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S
where: W (t) = vehicle weight as a function of time
-
T (t) = thrust as a function of time
0 (z) = atmospheric density as a function of altitude,
standard atmosphere
CD (M) = vehicle "zero lift" drag coefficient as a function
of Mach Number
-
R = radius vector

This non-linear differential equation .ssumes the vehicle is always
aligned tangent to the flight path. The equation cannot be so'ved in closed
form but is amerable to numerical integration techniques, especially on a
digital computer. Input consists of weight, drag, thrust, and density in
table form, and outputs are altitude, range, velocity, acceleraticn and
dynamic pressure, as a function of time of filight, Mach Number can also be
computed if a table of sonic speed vs, alcitude is added to the input., These
outputs provide a good performance assessment of the candidate configurations,
so that some may be eliminated and/or additional ones tried., The outputs
are also useful for the first aerodynamic analyses to follow.

C. Preliminary Aerodynamic Design

For each of the configurations survivingthe point-mass trajectory
check, it is necessary to accomplish preliminary design of the nose shape,
interstage structures, and vehicle stabilizing surfaces., By implementing
vehicle layout or inboard profile drawings, an intuitive judgement of structural
weights of these components can be made, as well as their "station" locations.
These weight estimates are only slighctly better than those used for the
"point-mass" trajectories, but are adequate for initial vehicle center of
gravity computatfons.

With the center of gravity history available and a nose shape
selected, it is possible to '"size" the stabilizing surfaces by conducting
a vehicle longitudinal static stability analysis, When this is accom

the configuration is sufficiently defined to make drag computations.
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There a - four major considerations in selecting a nose shape.

These are; (1) Minimum Drag/Maximum Packaging volume ratio, (2) Cost of
Fabrication, (3) Aerodynamic Heating, and (4) Lift Characteristics,

The importance of a low-drag nose shape varies, depending upon
the altitude regime. A space probe vehicle designed for a zenith altitude
of 50C miles ox mere is likely to ascend through the atmosphere slowly,
achieving the high required burnout velocity by exo-atmospheric burning
of upper stages, In this instance the nose shape is of minor consequence and
is likely to be a simple, relatively blunt conical shape, The majority of
sounding rockets utilize intra-atmospheric thrust phases, and here the nose
drag is extremely important, since it produces nearly all of the vehicle
wave drag, which constitutes about a third or more of the total drag. The
primary consideration is a slender shape whether it be conical or ogival,
as seen in Figure 2, which depicts cone drag as a function of slenderness
ratio. The ogival shape offers superior packaging volume, while the cone
is less expensive to fabricate., The slenderness ratio also is the predominant
parameter affecting aerodynamic heatirg and nose lift., Fortunately a low-
drag shape creates the least wall heating and the lowest nose lift, a favorable
trend since nose lift is de-stabilizing.

After selection of the nose shape the wvehicle static stability
margin (distance between center of gravity and center of pressure) criteria
must be chosen. It is assumed at this point that aerodynamic stabilization
will be employed. There is another means of achieving stability, gyroscopic
stability by means of high spin rates, With a ballistic vehicle, an exo-
atmospheric thrusting stage must rely on gyro stability, but for flight in
the lower atmosphere this approach is seldom attumpted since the required spin
rates to assure adequate gyro "stiffness'' against aerodynamically-induced
perturbations are impractically high.

The static stability margin is an extremely important paramecter

since it is a measure of the restorin§2moment created as a function of angle
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of attack. For most f. ight conditions this is the predominant stabilizing
moment. The static stability margin determines the vehicle trim angle of
attack as a result of perturbations, such 3s thrust and ac uynamic misalign-
ments, The vehicle natural pitch frequency, or response time, is a function
of the stability margin, An interesting case to consider is neutral stability,
with the center of gravity and center of pressure coincident,

In this situaticn, if only aerodynamic perturbations were present
the vehicle would not rotate about its C.G. since there would be no turning
moment, and it would be almost insensitive to winds, i.,e., no weather-
cocking, only drift., This is an academic situation, since a neutrally stable
rocket cannot be practically achieved, due to the movement of both C. G. and
C. P. over the flight path, and furthermore the vehicle would be extremely
vulnerable to rotation from thrust misalignment. A large stability margin
is desirable since it produces minimum trim angles, with lower drag and structural
loads, and minimizes dispersion from thrust misalignment. On the other hand,
a large margin causes the vehicle to be extremely wind-sensitive at launch
when vehicle velocity is lew. For most configurations, the margin decreases
with increasing Mach No. (Figure 3), and a range from about 1.5 to 3.0
calibers (body diameters) is usually employed.

Using this as a criterion, the required fin or stabilizing skirt
configuration for each stage is established by the following equation:

X =(Acg, X +(AC. X +
C.P. Ny Xc.p.Nose * Ny c.p. Boattatl 4 Cyy ¥e.p) fins
Veh, (6)

AC +AC +
MY nose N, Boattail A CN! fins

where: Xo = center of pregsure location from some reference datum
ch = _2_. = normal force coefficient derivative
&
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This relationship essentially sums all of the contributing aerodynamic
moments z2cting on the vehicle as a consequence of angle of attack, and is analogous
to the determination of the vehicle center of gravity by summing first moments
of masses. For a multi-stage configuration, the firnal stage stabilizing surfaces
should be sized first, then those on the lower stages. Generally the vshicle
center of pressure is determined only as a function of Mach No., since angle of
attack is usually constrained to a range where the Cﬂy's can be considered
constant. This is not always so, and in the event subsequent flight cimulation
procedures show large angle of attack, the influence on center of pressure
location must be recognized. The reference areas A and A are

nose interstage

already known, as are C c and the
y ’ N¥ nose, N boattail,C.P. uose, C. P. boattail,
desired Xo.p for the vehicle. From the vehicle layout drawing, an approximate

location for X can be defined. Thus it remains only to solve for the

C. P. fin
quantity }A c for the highest Mach No. value to be encountered.

fin "Ny fin
Since any fin configuration loses effectiveness with increasing Mach No.,
(for M > 1) a fin thus "sized" will usually be adequate for the entire flight
regime. The solution should be checked over the entire Mach No. range to verify
adequacy and also provide nececsary information on the center of pressure
movement . This done, it is now possible to adjust values of A fin and Cy, fin
by selecting a particular fin planform shape and airfoil. The value CNa £in

1s really more properly written to include fin - body interference effects,

such as:

c =C + K
My Fin Tc:al MY Fin (KB/W W/B)
where cNu Fin = normal force coefficient, fin alone

KB/F = interference factor, body on fin

KF/B = interference factor, fin on body
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‘
Although KF/B is really a body lift influence, the various treatments in the

literature normalize the factor for expression in terms of fim lift. It is beyond
the scope of this paper to discuss interference rctors in detail, but they do
significantly affect the total 1lift generated by the fin presence and must be
accurately a' sessed)since they often increase CNW Fin by a factor of 2.0 or more.
The selc:tson of a fin planform and airfoil is generally determined by
considerations of strength, drag, and fabrication cost. The details of these trade-~
offs are too extensive to discuss here, except tc say that for sounding vehicles,
good structural rigidity and low manufacturing cost usually are most important.
After the fin configuration and size have been selectea, it is now possible
to compute the total vehicle drag coefficient, cDo’ again as a function of
Mach No., and possibly Reynolds No,, but ignoring induced drag due to angle of
attack, on the assumption that it is constrained to small angles.
The vehicle drag coefficient is computed by summing the wave, friction, and base

drag coefficients as shown below:

= + . + 7
CDo AVeh CDW Nose ANose cDW Fins Apins [%Df A Wetteé] Veh. M

d [:CDB ABas;J Veh

Cpo = vehicle zero~lift drag coefficient, £ (M, R.N.)

where:

AVeh - vehicle reference area

CDw nose  DOse wave or form drag ccefficient, £ (M)
A = reference area associated with C

nose DW nose
CDW Pins fin wave or form drag coefficient, £ (M)
AFins = reference area associated with CDw Fins

CDf = vehicle friction drag coetficjent, £ (M,R.N.)
Ayetted = vehicle wetted area

CDB = Lase drag coefficient, £ (M)

= yehicle base area
Base
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Eq. (7) is vritten tuv show the .nsortance of matching various drag
coefficients with the proper reference area. No drag coefficlent duta should
be used unless this is done. This may seem trivial, but this has peen a source
of costly errors and confusion to the point where drag data is increasingly
being expressed as C

D

standardized nomenclature,

A, rather than CD only. Hopefully this will become

The drag coefficients can be computed by a variety of methods, some
theoretical, cthers empirical. If conventional, widely used shapes are involved,
a gearch of the literature is likely to yield applicable test data.

Refinements in analysis and detail des?y» can progress elther before or
aftev the final configuration choice is made. At this point fairly good parametric
performance data is available on each candidate configumation Zrom point~-mass tra-
jectories, and the aerodynamic analyses just described may have contributed
additional data to msrrow the choice, e.g., the fin "sizing" procedure may have
revealed that one of the vehicle designs requires impractically large stabilizing
fins., If it is still not evident that ouc configuration is superior to the others,
it may be necessary to repeat the '"point mass' trajectory simulations using the
computed drag vs. Mach No. data and thus obtain more precise performance data, or,
begin assessing dispersion characteristics by determining the sensitivity to drag
and motor impulse uncertainties. At any rate the determination of the configuration
has progressed to Step 3, netail Design, witb implications of further sophistication
in analysis.

ITI. Detail Design and Analysis

A. Dispersion and Vehicle Dynamics Analysis
It will be assumed at this point that the final configuration selection
has been made. The vehicle shape and dimensions are now largely defined as a
result of the analyses already performed. The design must now be explored in

Jepth to assure that dispersion and wind sensitivity will be within acceptable

limits, and that no dangerous dynamic instability conditions will occur.
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In order to accomplish these studies. it is necessary to complete
detail design of the various vehicle components accompanied by detailed structural
analysis, so that sufficiently accurate weight, genter-of-gravity and moment
of inertia tables can be generated.

Further refinement in the aerodynamic coefficients beycnd that
achievable by the previously described analyses is desirable, but should be
achieved through wind tunnel testing. It is appropriate here to comment that
the most valuable data to be gained ty tunnel testing are the dynamic stability
derivatives, such as the demping coefficiont Cmq and the Magnus moment coefficient

C These are admittedly difficult to obtain in the tunnel, yet they are

mp¥ *
far less amenable to computation. On the other hand, if the vehicle configuration
is made up of such well-defined components as a cone or ogive-cylinder, cone
frustum interstage and conventional fin planform and airfoll shapes, the linear
aerodynamic theories yield drag and normal force coefficients and center-of-
pressure locations to about 10 percent accuracy, and furthermore there is an abun-
dance of this test data published. Wind tunnel testing t~ refine this data may
not be justified because of the high cost.

With a complete, accurate description of the vehicle available, the
more comprehensive flight simulation techniques can now be effectively applied
to assess dispersion and vehicle dynamic behavior. An example of a simulation

mathematical model for such study is one heavily used by the Physical Science

Laboratory and probably many other organizations, as shown by the equations

below:
1
u=g Er-qdz (C) Cos @ - Cpy sin 22y - quCLdFOF siu ¢ sin ;]‘
R 2 X
- 8, (—2—) Cos 3 - gW (7)
R, +2
.t 2 2 & airen]
W=y T & sin ¢ + qd Crap ¢ sin ¢ cos o - at” (Cp sin & + Cp, cos sinazl
R 2 . (8)
- g, (=2 ) sin +pU
Ro*Z
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g =7 ErGTR'rsma'(ﬁ - Rg R gy~ ad cmRD$
R
- qd2 (CD sin o + Cry sin & cos @) Rp
2
+ qd” (Con §p sin ¢ cos @) Ré] 9)

Ancillary relationships and a complete nomenclature fully describing terms can
be found in Ref., 3, and the more important parameters are shown in Figure 4.

Thece are three-degree-of-freedom equations of motion for a rigid
body vehicle with inertia in a "fla. earth" gravity field, constraining motion
to translation and rotation in the vertical (pitch) plane only. This model
certainly has limitations, in that there 1s little capability to examine
vehicle roll-pitch or yaw type cross-coupling dynamics. But for symmetrical
vehicles designed for near-vertical trajectories, the model is a powerful tool
for dispersion and wind response studies. The six-degree-of-freedom model is
required for complete analysis, but its use should be reserved for studies
where it is essential, since it is more expensive to apply.

It is beyond the scope of this paper to discuss these analyses in
detail, but it is appropriate to comment on the influence the results can exert
upon the vehicle configuration. There may be changes in stability margin
indicated, which might be implemented by revising fin design. The desired
vehicle spin profile becumes evident, and the technique for achieving spin can
be chosen. Certain flight event times and associated tolerances can be
established, notably those associated with coasting intervals. The vehicle
natural pitch-yaw frequencies are now established and can be compared with body
bendiug frequencies. This check might lead to changes in structural stiffness
requirements. The type of launcher to be used becomes evident, whether iU be
zero-length, finite length, or finite length with simultaneous launch lug

release.
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At this stage in the design process, the conduct of all studies, from
the simple point-ma.s trajectory computations to the complex six-degree-of-
freedom dynamics analyses, {f done on a parametric basis, has yielded a compre-
hensive picture of the inte;action of cach vehicle chavacteristic on another,
and the kay task of the designer is to '"juggle" these parameters within the
practical ranges available to achieve the design objectives. This done, the
final phase, testing, may be implemented.

IV. Testing:

The testing of a new configuration consists of both pre-flight
ground testing and flight testing; and the pre-flight testing may be initiated
during the detail design phase, as an aid in making design decigsions. This
testing should be as comprehensive as is practical, with a view toward verifying
proper function, such as the ''cleanliness'" of stage separations, activation of
pyrotechnic devices for nose jettison, de-spin systems, etc. Structural integrity
must be demonstrated under static and dynamic loading conditions, notably
vibration, and other environmental qualification testing, such as for aerodynamic
heating, must be accomplished. These tests very often pinpoint the need for
redesign; and serve to 1llustrate the limitations in analytical approaches.

The final "proof of the pudding", flight testing, follows the pre-
flight test phase, and must be supported by thocough planning, especially in the
areas of the objectivas of each flight test, and the instrumentation required to
suprort those objectives. In most sounding rockets programs, few prototype
vehicles are avallable for flight evaluation. Very often the first flight vehicle
is committed to a primary operational mission objective. These circumstances
emphasize the need for good test planaing. One favorable aspect in regard to
flight testing is that advances in flight simulation technology have reduced
the uncertainties facing the designer at the onset of flight testing, and this

advantage should be exploited to the fullest extent.
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V. _Conclusion:

The determination of the sounding rocket configuration, is, on the one hand,
a less risky procedure today because of the powerful flight simulation techniques
now available, Yet improved flight instrumentation, both in on-board sensors and
ground tracking facilities, have brought to the vehicle engineer's attention a host
of anomalies, particularly in vehicle dynamics, which challenge the capabilities
of flight simulation. Furthermore, the mission of the sounding rocket grows more
demanding, in terms of more precise trajectory prediction and attitude stabilization
requirements, and, of course, greater performance,

These trends assure a need for continuing and intensified effort on the
part of the rocket vehicle designer to be thorough and resourceful in evolving
new sounding rocket vehicle designs. It is also incumbent upon the sounding
rocket user to recognize these vehicles for what they are, a fairly complex

flying mazhine, not necessarily a simple, inexpensive item of ordnance,
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FIN/SPIN STABILIZATION OF UNGUIDED LAUNCH VEHICLES
BY

A. T, MARRIOTIT and R, R, BROOKS

ATLANTIC RESEARCH CORPORATION
Missilie Sysiems Division
Costa Mesa, California

ABSTRACT

The design und development of system concepts which utilize an
unguided boost phase and a partially guided reentry phase during long
range overland flights require that special considerations be given to
accuracy and safety, Discussed in :his paper are design techniques
utilized during the early design phase of an improved Athena vehicle to
insure system accuracy and safety, These include the aerodynamic/spin
stabilization techniques used to provide the optimum dispersion/stability
characteristics!during boost within the constraints established by other
design considerations, Also included are the spin stabilization techniques
used during the exoatmospheric portion of £flight, The effect of spin on

stage separation dynemics ic also discussed,
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INTRODUCTION

The primary objective of the Advanced Ballistic Reentry Systems
(ABRES) Program, which is under the jurisdiction of the Space and Missile
Systems Organization of the United States Air Force, is the investigation
of reentry systems concepts concerned with advanced payload technology.
Prior to the Athena Program, the testing capability of the ABRES Program
was limjited to full scale overwater testing., Several of the disadvantages
associated with the full scale ovverwater testing are:

1, There is a limited amruns of instrumentation available at sea,

2, The use of full scale prototype launch vehicles is expensive,

3. The range of reentry performance (Velocity-Gamma Envelope) is

limited,

To alleviate the-n disadvantages the Athena Program was conceived,
Through the Athena Program subscale reentry system tests could be con-
ducted overland with the following advantages:

1. The vast amount of instrumentation available at the White Sands

Missile Range could be utilized,

2, An inexpensive but reliable launch system could be provided,

3. A wide range of reentry performance (Velocity-Gamma Envelope) is

available,

With the introduction of the Athena Program the capability of the
ABRES Program is now expanded to include testing of:

1. Heavy full scale payloads over a limited performance range,

2., Light subscale payloads over a wide performance range,
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It is seen, however, that a gap still exists within the testing
capability of the ABRES Program. This gap is the capability to test
heavy payloads over a wide performance range, In order to bridge this Y

gap the Missile Systems Division of Atlantic Research Corporation has ?

investigated an Athena configuration having improved performance, The
objective of this improved Athena, which has been given the designation
of Athena H, is to provide the testing capability of heavy payloads .ver
a wide performance range.

The flight plan of Athena H will be quite similar to that of Athena.
Athena H flights will consist of overland trajectories from Green River,
Utah, to White Sands, New Mexico, Since, like the Athena, this trajectory
brings the vehicle in the vicinity of populated areas, consideration of
reliability, accuracy and safety during the preliminary design phase, are
all important, However, in order to keep the Athena H airborne systems as
simple and straightforward as possible, the use of a complex boost guidance
system is rejected. Instead, the rather simple yet proven concept of a
spin stabilized wind compensate vehicle which has achieved an outstanding
success record with the Athena Program will be utilized. Accomplishment
of these overland flights with an unguided booster requires that particular
attention be given to the dispersion as well as to stability charactefistics
of the Athena H, The fin design during boost and the spin characteristics
during exoatmospheric flights are, therefore, extremely important to provide

both the necessary dispersion and stability characteristics.
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acceptable level of stability at launch results in the vehicle becoming un-
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FIN STABILIZATION DURING BOOST

During boost, the fin design of Athena H must provide adequate

stability throughout the boost phase and yet not permit excessive

stability at launch, A low margin of stability at launch is necessary

for acceptable dispersion characteristics resulting from wind measuremeant
error. At launch when the vehicle is more susceptible to winds, a stable
vehicle tends to repoint into the wind, The greater the stability, the
greater this repointing tendency and the greater the scatter of impact due

to wind measurement variations, Therefore, the fin design must be such to
provide little stability at launch to minimize this repointing influence,
Also, a stable platform throughout boost is necessary to provide proper
functioning of'all events, With a fin arrangement similar to Athena, which
has a two stage boost, accomplishment of these two requirements is difficult,
as can be illustrated by Figure 1, An attempt to obtain sufficient stability

at the higher Mach numbers results in excessive stability at launch, An

stable at higher Mach numbers., It is seen, therefore, that the fin configur-
ation for Athena H application must be highly effective at high Mach numbers
and relatively jneffective at the low Mach numbers. The fin, however, must
also provide the desired spin characteristics., A spinning motion is imparted
to the Athena H during boost in order to minimize impact dispersions resulting
from thrust misalignment and rail tipoff, The spin rate must be sufficient
to provide acceptable dispersion characteristics; yet it cannot exceed

the tolerance level of system components, Care must be taken alno to avoid
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coupling of the spir rate with the aerodynamic natural frequency of the
vehicle,

Having established these various design requirements and constraints,
the fin configuration can be selected which is most suitable for application
to Athena H, The first step in selecting the fin is to establish the best
airfoil section and size of fin for adequate stability throughout boost.
This is done by comparing the weight and drag characteristics to obtain
the maximum performance capability., Consideration is also given at this
time to design compatibility, The establishment of the fin size is shown
on Figure 2, Having established the fin size for adequate stability and
the airfoil section for best performance and design compatibility, the effect
of fin planform on dispersion, spin rate profile and pitch natural frequency
is determined., The fin planform is then selected which provides the least
dispersion, does not exceed the maximum allowable spin rate and does not
allow a spin of the same frequency as the aerodynamics natural frequency,
The influence of fin planform on dispersion is shown on Figure 3 and indicates
the desired planform. The selected fin planform is then investigated for the
effects on the zerodynamic spin profile during boost, Studies have shown
that the realtively poor initial spin acceleration provided by the £fin,
necessitates thét the initial aerodynamic spin be supplemented by spin motors
to provide acceptable impact dispersion, A typical aerodynamic spin profile
supplement by spin motors is shown on Figure 4,

The results of these various studies define the aerodynamic configuration

most suitable for Athena H application, The optimum aerodynamic configuration
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selection criteria was the requirement for adequate aerodynamic stability
throughout boost and the requirement that the dispersion characteristics

be compatible with existing impact areas, The constraints placed upon the

P

aerodynamic configuration selection criteria were the effects on the

performarce capabilities, the spin requirements during boost and avoidance

of the spin rate during boost coinciding with the aerodynamic natural

frequency.

Having satisfied ourselves with the aerodynamic characteristics during

boost, the spin characteristics during exoatmospheric flight was then

investigated,
»
*
-
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EXOATMOSPHERIC SPIN STABILIZATION

The second part of this paper is concerned with the exoatmospheric
and reentry parts of the Athena H mission, where spin stabilization is
employed to allow delivery of a payload within a fixed impact dispersion
area without terminal guidance, It will discuss the means by which spin
stabilization is achieved and consider some of the problems associated
with a spinning vehicle having separating stages upon reentry.

In order to better understand the following discussion, a brief

description of the portion of the flight after booster release is helpful,

Figure 5 shows a typical trajectory and notes pertinent events from launch

to impact, Shertly after the booster is ejected, the velocity package

(final stages pius payload) is despun with yc-yo's to a near zero spin rate,

The attitude control system is then activated and roll arrest and attitude
acquisition accomplished. The heat shield fairing is released. The vehicle

is then pitched over to its predetermined final pointing position. Based

upon radar data acquired at a time after velocity package separation,
corrections are computed and tramsmitted to the attitude controller and the
vehicle is brought to its final corrected pointing, It is then spin stabilized
using six spin gyotors which provide a spin rate of 4 cps. The attitude control
system is ejected after which the final stages are burned and the payload
separated as shown in the illustration, Impsct of the payload will be with-

in a dispersion area approximately 420 nautical miles down range of the

launch point,
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The improved Athena vehicle is designed to deliver instrumented
payloads under simulated ICBM/IRBM reentry conditions., By the nature
of its test area and the type of vayloads {lown, certain restrictions
are placed on allowable dispersions as well as vehicle induced rates
that may affect payload dyhamics., Because its final stages are unguided,
spin stabilization is essential to keep the dispersions within pre-
scribed bounds and to ensure that the vehicle attitude is maintained,as
desired for the particular payload being flown,

Spin stabilization employs the well known gyroscopic principal that
a body spinning about a principal axis in space will endeavor to retain
its initial attitude in an inertial frame of reference, The resistance
offered by a spinning body to an sttitude change resulting from a dis-
turbing moment is proportional to the square of the spin rate. This
would suggest then that as high a spin rate as possible would be desirable.
In rockets, structural considerations of motors or other components usually
limit spin rates to something less than 10 cps. The Athena H final stages
are spun at & cps,

With this cursory background, it is now possible to consider some of
the protlems and aspects of designing a spin-stabilized reentry vehicle as
represented by ;n advanced version of the Athena missile.

Error Sources For A Spinning Vehicle With Separating Stages

Associated withk a spinning body in space, and in particular with one
which has components separating ~ . %, are several sources o disturbances

that can induce undesirable .ad attitude motion, Each of these must
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be identified and considered in the preliminary design stages of a missile
since they will ultimately affect the payload carrying characteristics and
the dispersions in both flignt parameters and range impact,

In the initial definition phase of the improved Athena, the following
error sources were considered and investigated:

1, Attitude control system errors.

2, Spin motoi disturbances,

3, Thrust misalignment of major stage motors,

4, Dynamic unbalance due to balancing tolerances,

5. Principal axis misalignment due to vehicle manufacturing tolerances,

6. Separation mechanism induced motion (initial rates),

Figure 6 shows how these errors combine to produce rates and attitude
motion at payload release, Jet damping effects are noted and were also
considered in the analysis. The magnitude of each error must be determined
analytically or by measurement and a two sigma (standard deviation) value
assigned to it. This portion of the study constitutes a topic for discussion
in itself and wiil not be pursued here; only the qualitative results in terms
of the effect of the errors on the dynamics will be presented,

Analysis And Equations of Motion

The nethod of analysis used to investigate the effects of the dis-
cussed errors was to program the equations of rotational, rigid body, ootion
(Euler's Dynamical Equations) on an analog computer and to consider each error
on an individual basis in terms of the rates and attitude motion it produced.
The results were then statistically combined to preduce the total effect at

payload release,
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The equations of motion used to describe the rotational motion of

a spinning body in exoatmospheric space were as follows:

M
R R
y

These equations describe the rate of change of the body rates, p, q, r, in
a body-fixed rotating coordinate system, x, y, 2z, in terms of the components
of a body-attached moment, Mx‘ My’ Mz. Ix and Iy are moments of inertia
and k is the jet damping coefficient for a thrusting vehicle, The rolling
moment was programmed as a function of time to allow spin and despin simu-
lations, The assumptions of mass symmetry and that principal axes are
coincident with the reference axes have been made,

In order to consider the spatial motion of the vehicle, the above
equations must be related to a set of inertial axes. This is accomplished

through the fol}owing transformation,

B =p

*

@=qcocd-1xrsing

h = qsin § + r cos

4o

The angles, @ , 8 and § are Euler angles describing the rotations

required to go from the inertial axes system to the body axes coordinate

c
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system, Figure 7 shows that two coordinate systems and the Euler angle
rotations, The analog output data in all cases were phase plots of é
versus i and § versus . The latter relationship can be thought of as the
motion of the missile in space as depicted by a projection of its
longitudinal axis onto a normal plane, and initially coincident with its

equivalent inertial axis.

Discussion of Resu’*“s

Having defined the error sources in general and the method +< analysis
used to study their effect on vehicle motion, we can now consider in more
detail each error and the results obtained on the analog computer,

Attitude controller errors are the result of two factors; the limit
cycle motion before ignition of the second stage motor and the fact that
attitude controllex jets are activated for a short time during the spin-up
of the velocity package, Only the latter error was found to be significant
and its magnitude dictated the allowable time delay before attitude
controller jet deactivation, Figures 8 aud 9 show the effect of this error
on vehicle rates and attitude, The figures show the effect of the increasing
spin rate and reflect a constant moment in the pitch plane for the duration
of the Jet accization as well as a moment due to thrust unbala..ce in the
spin motors which is discussed next.

The spin-up and despin operations introduce errors because of motor
tolerances, For example, in a system of motors mounted around the periphery
of the vehicle, a deviation in thrust of any motor will produce a moment

which resuits in adverse attitude motion, For the motors used in the spin
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maneuvers, standard deviations in motor parameters were determined from
recent test data and used in the analysis., Figures 8 and 9 also show the
results of a 2-sigma thrust unbalance in the spin motor system in terms
of rates and attitude motion, respectively,

Dynamic unbalance and principal axis misalignment are essentially the
same thing; however, for purposes of discussion they are treated separately,
Dynamic unbalance results when the vehicle is spun about an axis not coin-
cident with its principal axis and as a result a moment is created about the
vehicle cg proporticnal to the amount of unbalance (or equivalently, the
angle between the spin axis and the principal axis). In the Athena H dynamic
analysis, mass unbalance was considered to be the result of dynamic balancing
tolerances which are the linits imposed on the balancing of the various
stages, Principal axis misalignment results when vehicle tolerances accumulate
during the build-up of stagss. In both instances, the attitude rate may be

obtained by:

(1 )
E‘-‘(G +¢)1/2 G AED) Z?I)ésin-—y-—-—-
y X y

where M represents the moment due to mass unbalance or principal axis mis-
alignment, Thus the attitude rate is directly proportional to the spin
rate, since the{moment is a function of the square of the spin rate, It is
of interest to note that the attitude motion is not a function of the spin
rate in this case as can be seen by the relationship between attitude rate
and coning angle, That is,

x;i——

Ix .

= @

4

y
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Therefore, one can conclude that spin stabilization is not a consideration
in the attitude errors introduced by mass unbalance and principal axis
misalignment,

Figures 10 and 11 are examples of analog traces for mass unbalance
showing rates and attitude motion, respectively,

Thrust misalignment is the result of both motor manufacturing
tolerances and vehicle alignment causing the thrust axis to be displaced
from the vehicle center of gravity, Jet damping has the effect of reducing
the rates and attitude motion that thrust misalignmert produces, Figures
12 and 13 are typical analog plots showing the effect of thrust misalign-
ment on attitude rates and attitude motion,

Finally, rates are produced by the separation mechanisms themselves
and one of the primary objectives of the preliminary design phase of the
Athena H was to determine criteria for the design of the various separation
mechanisms such that a specified rate at payload release would not be
exceeded, DMoments created by separation mechanisms are generally of such
short duration that they can be considered as impulses which produce initial
rates. Spring systems introduce errors becuase of the variation in the
spring rates, Figures 14 and 15 show initial rates and the coning angles
produced by theé. Of interest in these figures is the effect of jet damping.
It is seen that the damping has the effect of reducing both rates and coning
angle, )\, but not pointing error, 7. This factor is significant from the

point-of-view of dispersion, as it is the pointing error that is primarily
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responsible for deviation in the flight path angle and thus impact in a
thrusting vehicle,

Using the above approach, each error was analyzed in terms of rates
and attitude motion, The results were then statistically combined in a
root~sum-square fashion to produce the total 2-sigma error in rate at
payload release, Attitude errors were used in a dispersion analysis to
predict expected deviation of flight parameters and impact of stages and

payload.
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CONCLUSIONS

In this brief discussion we have attempted to illustrate the
methods used to stabilize an essentially unguided launch vehicle as
exemplified by an improved version of the Athena missile, Some of the
problems of fin stabilization in the atmosphere and spin stabilization
during atmospheric exit and reentry have been discussed, The initial
identification of the Athena H has been completed and by making use of
the methods described in this report we have successfully defined a
vehicle that meets all constraints placed upon the dispersion of stages

and payload in terms of impact, performance and dynamics,
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NEW LOW COST METEOROLOGICAL ROCKET SYSTEM
FOR TEMPERATURE AND WIND MEASUREMENT
IN THE 75,000 TO 200,000 FEET ALTITUDE REGION

By Bruce Bollermann and Robert L. Walker
Space Data Corporation
Phoenix, Arizona

ABSTRACT

An instrumented dart system, which can be used as the upper stage of the Loki Dart
meteorological rocket vehicle, has been designed to m asure vertical profiles of temperature
and winds between 75,000 feet and 200, 000 feet altitudes. The components of the instru~
mented dart include the dart assembly, time delay and payload expulsion system, tefemetry
system, temperature sensor, and parachute. The telemetry system is designed to be compatible
with the Rawin Set AN/GMD-1B and associated equipment.

Flight tests of the system, which were conducted at the White Sands Missile Range
and the Air Force Eastern Test Range, have demonstrated the feasibility of the system for
measurement of upper atmosphere winds and temperatures. An error analysis for temperatue
and wind measurements indicate that appreciable improvements can be obtained by reducing

the descent rate of the parachute-sonde system.

INTRODUCTION

With the increased tempo of nuclear testing during operations Castle and Redwing in

the Ceniral Pacific in 1954 to 1956, the requirement for a wind=sensing meteorological rocket

system was generated. The rocket system utilized was the Loki, which was originally
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developed by the Jet Propulsion Lab. for the U,S. Army Ordnance Corp. os en anti-aircraft
rocket, The Loki system utilized a small, high thrust, short duration rocket motor with a high
ballistic coefficient, coasting dart vehicle, After rocket motor burn out, the dart vehicle
ccasied i, an altitude of approximately 100,000 feet and ejected a cloud of 1adar-reflective,
wind=sensitive chaff, This chaff cloud was radar tracked during its descent to determine the
upper-altitude winds, At a later date, the same rocket motor hardware was loaded with o
higher energy propellant, and the propellant grain port diameter wos reduced to increase
propellant volume, These two changes increased the total impulse from 2,660 Ib-seconds to
3760 lb-seconds. In addition the burning time was increased from 0,80 seconds to 1,86
seconds. With these changes, apogee altitude was increosed to approximately 200,000 feet.
This latter system, with a chaff payload, has been a mainstay of the Meteorological Rocket
Network, More recently a number of companies have further increased the total impulse of
the Loki rocket motor to slightly over 4,000 Ib-seconds by further reducing the por: diameter
and increasing the propellant density, With this latest increase in propellant weight, apogee
altitude for the standard chaff dart is increased to about 230,000 feet from an 85° sea level
lounch, The Robin inflatable sphere hos also been successfully deployed at altitudes of
205,000 feet from a 1,500 inch dort and 230, 000 feet from a 1,375 inch dart. Only recently,
however, have temperature measuring parachute-sonde systems been successfully flown with
this basic system,

The goal of an instrumented dort progrom, which Space Data Corporation has conducted
for the Aerospace Instrumentation Laboratory of Air Force Cambridge Research Laboratories
[Walker, ref. U, with additicnal support and cooperation by the Electronics Research and
Development Activity ot White Sands Missilc Range, has,been the development of o minimum
cost rocketsonde system which is specialized to make routine wind and temperature measure~-
ments to altitudes of 200,000 feet. In addition to minimum cost, an oll-weather launch

capability and minimum impact dispersion are further advantages of the system,
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REQUIREMENTS

Although the high-altitude research meteorologist would like to measure a variety of
parameters, such as ozone and electron density, on a research basis, the requirements for
routine high-altitude meteorological measurements appear to be limited to those of Table 1.
These requirements differ only slightly from agency-to-ogency, and it appears that a
rocketborne parachute-sonde descent system which employs a temperature sensing elemént
can satisfy most of the operational requirements. Though density is generally required, a
reasonably accurate density profile can be calculated from the measured temperatures with a
combination of the equation-of-state for an ideal gas and the hydrostatic equation. The
bead themistor which is used for the temperature measurements is both small and inexpensive,
It seems to be ideally compatible with the smail inexpensive rocket system. For the next few
years, at least, it is expected that the thermistor will be used for operational data instead

of more cumbersome and expensive sensor instrumentation, designed to measure either density
or pressure directly. The Robin inflatable sphere is certainly a candidate for the direct
measurement of density, and it is quite inexpensive. The sphere is a passive sensor which
relies on a fairly high-precision radar track to determine its fall velocity and acceleration
from which atmospheric density may be calculated through the appropriate drag equations. A
Loki Dart Robin system has been successfully developed and flight tested under a previous
AFCRL program [Wofson, ref. 2:! The Robin payload could easily be interchanged with the

parachute-sonde in the current loki dart vehicle whenever direct density measurements are

required,
TABLE 1
MEASURENMENT REQUIREMENTS FOR ROUTINE
METEOROLOGICAL SUPPORT AND OPERATIONS
Parameter Wind Temperature Density
Altitude 80,000 - 200,000 Ft. 80,000 - 200,000 Ft, 80,000 ~ 200, Q00 Ft,
Accuracy, rms 3 - 10 ft/sec 1-2°C 2-3%
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The logistics requirements for a routine meteorological rocket system are that the
system must be copoble of being launched by a minimum crew of two men and with ground
winds up to thirty-five knots, The system must be simple to launch by relatively untrained
personnel and must have the capebility for mobility. A most important consideration is that
the system be extremely low in cost, This |.tter requirement is perhaps the most important

for a routine meteorological rocket system,

INSTRUMENTED DART SYSTEM

System Design ond Operation,

The design and flight tests of an instrumented dart system compatible with the Loki
rocket motor has been completed by Space Data Corporation for the Aerospace Instrumentation
Laboratory, Air Force Cambridge Research Laboratories, Bedford, Massachusetts., The
instrumented dart system includes the dart assembly, porachute and instrument packoge with
temperature sensor. The instrument package transmits temperature data using u stzndard
10-mil bead thermistor as the sensor. The transmitted signal is adjustable between 1660 and
1700 mc and is compatible with the Rawin Set AN/GMD-1B and associated ecuipment such
as the radiosonde recorder AN/TMQ=~3C. The capability of the system to eject its payload
at an altitude in excess of 200,000 feet and transmit temperature data from that height to
75,000 feet or less has been demonstrated, The instrument package descends by parachute
over this altitude region in approximately 20 minutes and the parachute is radar reflective
for S~Band and/or C-Band radar tracking.

The vehicle as shown in Figure 1 is a two-stage system with the first stage being a
Loki rocket motor, and the second stage an inert dart with a high ballistic coefficient, The
dart houses the payload, The Loki boosier is a short burning, high thrust unit with a burning
time of approximately 1.8 seconds, The operation of the system is shown in Figure 2, The
vehicle is launched from a spiral tube at the desired elevation and azimuth setting. The

booster burns out at approximately 5,000 feet altitude at which time dart separation occurs,
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The dart coasts to apogee and ejects the payload. rpon ejection of the payload,the parachute

inflates,resulting in a controlled fall rate for the parachute-instrument package combination.

The standard GMD~1B receives the telemetered temperature data and records the data on the
AN/TMQ-5C recorder without any modifications to either the receiver or the recorder, The
i parachute is 50% silvered to provide a rador-reflecting target which allows the radar to track
the motion of the parachute and provide the altitude time history required for the temperature
measurement ond the horizontal motion for the wind data,

The instrumented dart system as shown in Figure 3 is made up of the following major
dart components:

a. dart ogive

b, dart body

c. dart tail assembly

d. delay and expulsion charge

e. parachute

f. instrument package with temperature sensor

The configuration of the dart assembly is shown in Figure 4. The tail assembly of the dart

is designed to be compc*ible with the Loki rocket motor forward closure. The overall
aerodynamic configuration of the system is designed to give the vehicle the required
aerodynamic stability necessary for reliable performance both during the boost phase and
while the dart is coasting to altitude, The payload ejection is timed by o pyrotechnic time
delay which is initiated at launch. The time delay is selected such that the ejection occurs
at apogee, The time delay ignites the expulsion charge which expels the payload and
parachute system as shown in Figure 5, At this point the parachute inflates giving the
instrument package a controlled fall rate, necessary for the temperature and wind measure=-

ment,

One important feature that is incorporated in the design is for the vehicle to have

an uptrack copability for the GMD, so the signal is being received ot the time of ejection,
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This allows the GMD to track the signal on the say to apogee, eliminating any delay in
acquiring the instrument, both in position and frequency at ejection. Ability to track the
signal prior to ejection can save several minutes of data which may be lost if it is necessary
to acquire the signal after ejection. Also the capability of the instrument to transmit, while
it is in the dart, facilitates the prelaunch checkout. The instrument can be switched on
remotely prior to launch and acquired by the GMD to verify thot the instrument is operating
properly.

Ancther important feature of the design of this system is the method of controlling
the heat transfer to the instrument package from aerodynomic heating. The concept of the
boosted dart system is to obtain a high velocity in os short a time period as possible, separate
the booster and allow the dort to coost to altitude. This technique is employed to limit wind-
sensitivity for minimum impact dispersion. These high velocities in the dense portion of the
atmosphere cause aerodynamic heating to be relatively severe, Two basic techniques were
used to control the aerodynamic heating: (1) Internal insulation of the payload by using @
material having a low coefficient of heat transfer or an air gap and (2) use of an externally
applied ablative material called Thermolag. The Thermolag is sprayed on the exterior of
the dart so that the dart body will not reach a temperature in excess of the ablation temperature
of the Thermolag. Figure 6 shows a comparison between the skin temperature of the dart with
and without the Thermolog coating.

Altitude capability of this system is largely dependent on the type of Loki motor used.
The Loki motor used for the White Sands tests and some of the later tests ot the Air Force
Eastera Test Range is a higher performance version of the Loki [1-A and is known as the Judi
rocket motor or SDC Loki rocket motor. The neminal cltitude capability of the sysiem using
this motor is shown in Figure 7.

The older Loki motor design which was used at the AFETR is designated Rocket A* “ror
MX=~3290-FMQ-~6 and is basically the same motor as the original Loki 11-A. The altitude

that is achieved by using this motor is nominally 170,000 feet when launched from sea level.
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Therefore, the higher perforriance Loki motor is required for the system to make measurements

to 200,000 feet. Table 2 presents a comparison of rocket motor characteristics and performance,

TABLE 2

ROCKET MOTOR CHARACTERISTICS AND PERFORMANCE

Characteristics

Length (inches)
Diameter (inches)
Inert Weight (pounds)
Propellant Weight (pounds)
Mass Fraction
Grain Port Diameter (inches), Topered
Throat Area (inchesz)
Performance
Apogee Altitude (Feet)
(85° QE, Sea Level Launch,
1.375"/9.8 Ib Dart)
Total Impulse (Ibf-sec)
Action Time (seconds)
Average Thrust (Ibf)

Average Chamber Pressure (psia)

Specific Impulse (seconds)

Parachute.

Loki £1.9 KS 2000

or
Hasp MK32 Mod 0

Judi 1.9 Ks 2150
or

SDC P/N 250-10

66.0
3.13
6.45
16,88
0.724
1.004-1, 583

0.983

170,000

3760
1.90

1980

1340

223

66.0
3.13
5.80
18.15
0.758
0.996-1,297

1. 41

205,000

4063
1.89

2150

1100

224

Prior to the beginning of the development program, three different types of parachutes

had been flown in the Loki system. These three types were as follows: (1) 6 ft square~flat-

silk parachute, (2) 7.6 ft flat-circular-silk parachute, (3) 5 ft silk baseball type parachute.

Of the three parachuter, the first two gave an acceptable fall rate. The baseball type has
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a fall rote which was too high, This fall rate could have been decreased by increasing the
size of the parachute, however, the volume limitations in the dart made any increase in
packoging requirements for the |.crger parachute size objectionable. From a limited number
of flight tests it appeared that the 7.6 foot chute had slightly better opening characteristics
at high altitude than the square chute; therefore, the 7,6 foot circular parachute was selected.

The 7. 6 foot parachute weighs approximately 3, 6 ounces, with alternate panels of the
silk forming the parachute canopy being metalized to make the parachute radar reflective
and suitable to be tracked by an S and/or C Band rada.  Figure 8 shows the parachute and
the method of canopy construction.

Instrument Electronic Design.

The electronic package is a hybrid solid state and vacuum tube device, powered by
nickel-cadmium batteries. The vacuum tube is a cavity oscillator triode similar to that
which has been used for rocket and balicon borne packages for a number of years. The
modulation circuit, reference circuit and DC to DC converter utilize solid state devices.

The sensor is a bead thermistor of approximately 0.010-inch diameter with leads of 0, 001

inch diameter platinum-iridium wire. The sensor is coated to reduce solar absorption. Th~
methods used to expose the sensor to the environment are discussed in the mechanical system
description which follows. The sensor used has a resistance range of 60K ohms to 3 megohms in
the region of date acquisition,

The themmistor, which has a negative temperature coefficient of resistence of approxi-
mately 4%/°C, is a component in a pulse generating circuit whose rate is a function of its
resistance. The pulses from this circuit are applied to the cavity oscillator in such a way as
to terminate the carrier for the duration of the pulse, thus cllewing the ground cquipment io
receive the data as described in the following section. In order to detect any drift in pulse
frequency due to environmental effects on the airborne circuitry, a known resistance value
is periodicolly switched irto the circuit. Comparison of the pulse rate observed with that

obtained during a preflight calibration allows corrections to be made if any drift is present,
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This reference period wos 2 to 3 seconds approximately 3 times per minute on the early units,
but has been exiended to 6 to 7 seconds every 1~-1/2 minutes on recent systems. The cavity
oscillator triode provides the 1680 mc carrier frequency upon which the data pulses are
impnsed. It is transmitted using a linear asymmetric dipole antenna, which provides excellent
coverage. In addition, provision is made to utilize the dart ogive and case as an antenna to
allow the dart system to be tracked during the flight prior to ejection of the instrument, The
power supply for this instrument consists of a nickel-cadmium battery pack which supplied

6 volts DG and a DC to DC convertor which supplied approximately 95 volts DC for the tube
plate voltage, Nickel-cadmium batteries are used because they are rechargeable, have a
long shelf life and possess good voltage discharge charocteristics,

Instrument Mechanical Design,

The instrument is 11,125 inches in length and 1.1 inch in diameter, with the antenna
at the forward end. The electronic system and batteries are enclosed in o thin phenolic-
fiberglass tube, and ali voids are filled with an encapsulation compound.

At the start of the development program it was considered necessary to suspend the
instrument with the antenna pointed downward. Therefore, the instrument was suspended from
the aft end, and the sensor was mounted on an arm. This arm was spring loaded and extended
perpendicular to the instrument body when the staves were removed. As the program pro-
gressed, it was found that it would be desirable to suspend the instrument such that the
sensor would be first in the air flow pattern. This was accomplished by suspending the
instrument with the antenna pointing upward and the sensor pointing downward. The sensor
was protected by a wire guard and the suspension harness extended the length of the instrument,
Flight tests proved that this did not significantly offect the RF signal received ot the ground
station, Since that time, minor design changes have been accomplished. Nectably, the
wire thermistor guard was eliminated, the suspension line was looped os near as practical to
the antenna, and a thin~film mylor thermistor mount has been flight tested. These changes,
though minor, have significantly improved the quality of the data obtained. Figure 9 shows

the sonde suspended from the parachute load line and the conventional pest method of
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thermistor mounting which will be further discursed in ¢ following temperature measurement

section,

Ground System Instiumentation,

The dota sensing and telemetry system incorpcrated by the dart vehicle utilizes the
standard Ground Meteorological Detection (GMD) system for data receiption and print out.
Any version of the GMD up through the GMD/4, may be used te handle the dart information,
The GMD/1 ground equipment consists of a tracking dish antenna and receiver unit, a
control recorder unit and a TMQ/'5 chart recorder. Other versions of the system contain
vearious auxillary equioment such as ranging transmitter and various automatic data equipment,
The antenna and receiver unit consists of a seven foot diometer dish, mounted on a pedestal
which contains the receiver and antenna motor controls. The dish may be operated in either
automatic or manual track made locally at the pedestal or from controls on the recorder,
‘vhich is usually remote from the pedestal. The receiver covers a band from 1655 mc to
1705 mc and will operate in either AM or FM mode. AM mode is utilized by the current
dart system, The modulation type, when viewed from the carrier, is PDM-AM in that the
intelligence is impressed vpon the carrier in the form of negative pulses of sufficient
magnitude to exceed 100% AM and hence terminate the carrier for the duration of gach
pulse. The repetition of the carrier teminating pu'-es contains the data. This technique
results in prlses of carrier frequency energy of varying duration as a function of the data
transmitted, The incoming signal is mixed with the local oscillation frequency in a wave
guide,and a 30 mc [F is detected in the receiver which reconstructs the chain of pulses
originally impressed upon the carrier. These pulses are then differentiat. 4 and the resulting
positive pulse from the trailing edge is used to trigger a multivibrator, which resulis in a new
pulse of constant amplitude and duration. The trigger level of this multivibrotor is asjust--
able so that "grass" may be excluded from the resultant pulse train. Thase pulses are then
transferred over u line, via the control recorder, to the TMQ/5 unit where they irigger a

univibrator which results in a train of pulses of very constant amplitude and duration. These
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pulses are fed into a self-balancing servosystem which positions a pen on a strip chart recorder,
The recorder pin is displaced as a function of pulse repetition frequency and can accommodate
rates up to 200 pps. Various auxiliary amplifier systems have been used to enhance the incoming
signal and, of these, the parametric amplifier seems to be the most satisfactory.

Instrumented Dart System Data,

The mc or dimensions of the vehicle system are indicated in Figure 10, and a summary
of the main system parameters are listed in Table 3, Since the beginning of the instrumented
dart development program, there have been more than 50 successful flights in which both

temperature and winds have been measured,

TABLE 3

SUMMARY OF SYSTEM PARAMETERS

WEIGHTS
Dert Hardware 8.60 Lbs,
Parochute .25 tbs, (4 Ounces)
Instrument .75 Lbs. (12 Ounces)
Expulsion Charge .01 Lbs, (5 Grams)
Miscellaneous .19 Lbs,
CCMPLETE DART SYSTEM 9.8 Lbs.
Loki Rocket Motor 24,2 Lbs.
VERICLE LAUNCH WEIGHT 34,0 Lbs,
PAYLOAD EJECTION TIME 100 Sec,

INSTRUMENT INFORMATION (Datasonde)

Power Qutput 600-850 Milliwatts
Modulatie, PDMAM

Pulse Repetition Rate 10~200 Pulses Per Second
Polarity of Modulation Negotive

Time Reference is Transmitted 5-7 Seconds

Time Temperature is Transmitted 50-90 Seconds
Freauency 1660-1700 me,
Reference Swiiching Relay

Batteries Nickel Cadmium
Operating Time 40-50 Minutes
Length 11,125 Inches
Diameter 1.1 Inches
Thermistor 10 Mil Coated Bead
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ATMOSPHERIC TEMPERATURE MEASUREMENT

Prior to the development of a thin-film Mylar mount for the bead thennistor, there
was considerable error in the measurement of atmospheric temperatures with the meteorological
rocketsonde systems in the stratopause ond lower mesophere regions. The thermistor and its
mounting fixtures become relatively wam (40°C to 50°C) during their residence in the
vehicle prior to launch and during rocket ascent. The main source of heating with the Arcos*
system is the power output from the cavity-oscillator transmitter tube, In the case of the
dartsonde, aerodynamic heating provides the main source of heat for the temperature rise.
At apogee the instruments are ejected into the relatively cold atmosphere (-20°C to ~30°C),
and heat must be lost from the thermistor-mount combination before ambient air temperatures
can be adequately measured. The rate of heat loss is related to the thermal time constant
of the sensing system which includes both the basic characteris:ics of the thermistor and its
mounting fixture., The thin-film Mylar mount, as indicated in Figure 11, was developed by
[Dlews, ref. 3] to reduce the thermal mass to which the thermistor lead wires are mounted, *
and hence reduce the thermal time constant and conduction errors of the measurement system,

A comparison of the response time and the heat loss curve between the old mounting
post arrangement, and the new thin-film Mylar mount is presented for two instrumented dart, **
Datasonde, flights in Figure 12, For the mounting post arrangement, an elapsed time of
opproximately 70 seconds occured between apogee ejection, at a system temperature of 48°C, to
equilibrium with the atmosphere at approximately 0°C. Apogee for this flight occured ot
203,000 feet, and sensor equilibrium with the atmosphere occured at 180,000 feet, For the

thin—film Mylar mount only 35 seconds were necessary for the temperature sensor to reach

* A relatively large 4. 5-inch diameter meieorological rocket employing o long burning time
propetiant grain and reiariveiy iarge temperature measuring sondes, i.e. Arcasonde,

Delta Sonde. *

** Space Data Corporation darf instrument,
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FIG.1 DATASONDE THERMISTOR TEMPERATURE
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equilibrium with the atmosphere,at o temperature level of -23°C,at 210,000 feet. Apogee
for this flight occured at 230,000 feet, and ejection temperature was 46°C. Thus it can be
seen that by utilizing a thin-film Mylar mount with the Datasonde instrument, the response
choracteristics of the sensing system are significantly improved, and more accurate tempera-
tures can be obtained at higher altitudes.

The times for the 10-mil bead thermistor to reach equilibrium with the otmosphere
from payload ejection, ot approximately 210,000 feet, for both the Datasonde and Arcasonde
instruments, with both the older post mounting arrangements and the newer thin-film Mylar
mount arrangements, are presented from typical flight data in Table 4. These doto indicate
that the temperature sensing response time is primarily o function of the thermistor mounting
arrangement rather than the particular telemetry instrumen: employed. Not only do these
sensor respanse characteristics influence the maximum aititude to which temperature data
can be measured, but they also influence the accuracy of the temperature measurements
throughout the sounding, at least to altitudes in excess of 150,000 feet. Sensor lag error
due to slow response characteristics has proven to be a significant source of temperature
measurement error down to a level of 190,000 feet even with the faster response thin-film
Mylar mount.

An envelope of atmospheric temperatures obtained with the Datasonde instruments
during the development progrom is presented in Figure 13 along with average profiles
obtained with the Arcasonde 1 and 1A instruments. The Arcasonde 1 instrument employed
rather heavy wire mounting posts, and it can be noticed that on the average the temperatures
derived with this instrument were considerably warmer than for the other two sordes. All of
the Datasonde flights presented in this figure employed plastic mounting posts which evidently
did not permit as much heat transfer through the lead wires to the bead thermistor as with
the heavy wire mounting posts. This is indicated by the fact that the averoge Datasonde
temperatures ran about 8°C cooler in the stratopause, and cbove, than the comparable

Arcosonde | temperatures, These Datasonde temperatures, however, can not be considered
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very ac-urate above the stratopause since they are considerably warmer than tiose temperatures
for the Arcasonde 1A which employs the thin-film Mylar mount. Most of the temperature

prefiles in Figure 13 were taken at the Eastern Test Range,

TABLE 4

TIME FOR TEMPERATURE SENSOR TO REACH EQUILIBRIUM
WITH THE ATMOSPHERE FROM PAYLOAD EJECTION
AT ABCUT 210,000 FEET

Post Film
Mount Mount
Instrument (Seconds) (Seconds)
Datasonde 70 35
Arcasonde 80 40

At the conclusion of the instrumented dart development progrom, personnel from the
White Sands Missile Range flew a thin-film mounted 10-mil bead thermistor with the Datosonde
system, The temperature profile from this flight is presented in Figure 14, It should be noted
that the dashed line at the top of the profile represents the thermistor heat loss or cooling curve
and connot be considered to be indicative of atmospheric temperature. As a general rule,
atmospheric temperatures are reported only ofter the heat loss or cooling curve experiences
a reversal which indicates that the sensor has started to respond to the atmospheric temperature
profile, Such a reversal for this flight occured at on altitude of 210,000 feet and a tempera-
ture of ~24,5°C. For comparative purposes the temperature profile for an Arcasonde 1A
flight is also included, Both of these temperature profiles are to the highest altitude yet
obtained for either of the two systems.

Although 'he temperature profiles shown in Figure 14 indicate a significont improve-
ment in temperature data over the older post-mounted systems, the fact that o reversal in
temperature fiom the hear ioss curve has occured, does not indicate the aceuroey of the

temperature profile obtained from this reversal point on down throughout the scunding,
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Temperotures obtained at the 200,000 feet level with the thin-film mounts are approximately
30° to 40°C colder than those obtained with the post mounting arrangements. However,
even these colder temperatures may be significantly warmer than the atmosphere at this level,
Although the sources of error in these dato are due to aerodynamic heating, sensor lag or
response time, condutction effects ond solar radiation, the major source of temperature error
at this level appears to be due to aerodynamic heating.

The boundary layer recovery temperature increase, above the ambient, con be

estimated by the equation -

= -1 1, a2
AT =T, ’%“— (Pr) /oM
Where T, = recovery temperature of the boundary layer, oK
T, = ombient atmospheric temperature, oK

3 = ratio of specific heats, cp/cv for air at 200,000 feet, 1,401
P = Prandtl number for air ot 200,000 feet, 0.731

M

)

Mach number

Boundary loyer temperature increase af an altitude of 200,000 feet is plotted against sensor
velocity in Figure 15. The velocity of the system which causes the boundary layer temperature
to increase is not only descent velocity of the parachute-sonde system, but the total velocity.
Figure 16 presents the horizontal component of the vehicle velocity at apogee for both the
Arcas ond the Dart system for various sec level launch angles, For a launch angle of 84°,
the Arcas horizontal velocity at apogee is 775 feet per second, ond the dart velocity is 415
feet per second. The difference in these apogee horizontal velocities is due to the greater
gravity turn experienced by the longer burning-time Arcas vehicle, When these velocity
daota are related back to Figure 15, it oppears that upon paylocd ejection, the thermistor
boundary-layer temperature increase for the, Arcos system is greater than 20°C, and for the
Dart system is approximately 7°C,

Aerodynamic heating and sensor response lag temperature measurement errors have been
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estimated for the instrumented dort system with the results presented in Figure 17, The

1962 U, S. Standard Atmosphere temperature was used as an ambient temperature model,

and o parachute-sonde trajectory, aerodynamic heating anc sensor lag computer program
was devised to simulate o typical 215,000-feet deployment, The standard 7, 6~feet diameter
parachute, and a thin-film thermistor mount were assumed. Thermistor time constant values
were taken from a report by [Wagner, ref. 4] .

These dota indicate an appreciable aerodynamic heating effect above 180, 000 feet.
Since the thermistor can do no better than measure the temperature of the air immediately
surrounding it, i.e. the boundory layer temperature, the aerodynamic heating presents a
measurement accuracy limit, The temperature measurement error resulting from sensor
response lag can be estimated os the difference in temperature between the boundary
layer and the thermistor from Figure 17,

Estimates for temperature measurement error due to solar radiation and thermistor
lead conduction made by [Wagner, ref. 4; Barr, ref. 5; and Drews, ref. I_E] indicate that
both solar radiation, and the thin-film mount conduction errors are each less than IOC a an
altitude of 200,000 feet. An estimate of the total measurement error for a 215,000 feet

deployment of the current instrumented dart system with a thin-film mount at an altitude

of 200,000 feet is os follows:

Aerodynumic Boundary Layer Heating +10.0°C
Sensor Response Lag ~ 5, 0°c
Solar and IR Radiation <+1.0°C

. N +
Thermistor Lead Conduction & Inteinal Power <= 1.0°C
;- + o
Total Errer 6.0°C ¥ 1.0%¢C
It is obvious from the above data that the greatesr improvement in temperature measurement

accuracy can be cbteined by decreasing the descent velocity of the parachute-sonde system.

Not only is the aerodynomic heating proportional to the square of the descent velocity, but
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the sensor lag error should also be improved with a more slowly falling system, By reducing
the descent velocity of the system to 75% of its current value, an improvement of about 50%
in the temperature measurement accuracy ot 200, 000-feet should be realizeo

WIND MEASUREMENT AND PARACHUTE DATA

The insrrumented dart parachute is used for wirid measurement and to lower the
temperature-meaturing sonde through the atmosphere at a sufficiently slow velocity for
adequate temperature measurements, The descent rate of the parachute is of prime importance
since both wind measurement errors and temperature measurement errors due to aerodynamic
h eating are directly related to the square of the descent velocity of the parachute~sonde
system. Figure 18 presents the altitude versus time descent profile for various ejection
altitudes. The descent rates of the parachute-sonde system is presented in Figure 19 for
various ejection altitudes,

To attain the indicated fall rates and descent times, the parachute must deploy
properly and fully inflate to take advantage of its shape and fobric area. For a limited
number of instrumented dart flights, the 7. 6~foot diameter flat-circular parachute has
exhibited a certain amount of instability in its descent rate at altitudes above 170,000 feet.
A possible explanation for this erratic behavior may be explained on the hasis of the dyramic
pressure at deployment. Figure 20shows the dynamic pressure ot apogee for various launch
angles for both the Arcas and the Dart systems, Since the component of horizontal velocity
at apogee for the Arcas vehicle is significantly greater than that for the Dart system, the
dynamic pressure availcble for full parachute deployment with the Arcas system is generally
greater than thot for the Dart system, [[Knacke, -ef. §]states that a minimum dynomic
pressure of 0,03 to 0,07 lbf/ff?‘, depending on parachute design, is required to create a
sufficient pressure differential from the inside to the outside of the parachute for full
inflation, This may indicate that for a higher degree of reliability in achieving full deployment
of dart parachutes, a positive inflation aid such as an inflatable torus ring may be required.

These dynamic pressure data ot apogee or deployment also indicate that the dart parachutes
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may be constructed from relatively lighter-weight materials than for the Arcas system;

for the opening shock should be significantly less, By reducing parachute weight, the
ballistic coefficient or weight=to--drag-ratio for the descending system can be improved
to give slower descent profiles which are so important for more accurate wind and temper-~
ature measurements at the 200,000 feet altitude levels,

Wind measurement requirements for routine meteorological support and operations
have generally been stated as an rms error of 3 ft/sec at 80,000 feet to an rms error of
10 ft/sec at 200,000 feet, The wind measurement error is a function of the vertical gradient
of the wind or wind shear, rather than the absolute wind velocity, and the descent rate of
the parachute as given by the approximate expression by[l_.evifon, ref 7:] .

><V2

E=S
g z

Where E

wind speed lag error, ft/sec

. -1
wind shear, sec

©»
]

V_ = vertical descent velocity, ft/sec
Therefore, a wind shear value must be specified in addition to the measurement error for a
meaningful parachute design criterion. Since the wind measurement error is a function of
the square of the descent velocity, ard the descent velocity is much greater at the 200, 000-
feet level than below, it is assumed that the wind meosurement requirements can be met
throughout the descent with a system which can satisfy the requirements at 200, 000-feet,

A review of chaff-derived winds obtained at the 200,000-feet level revealed that
the 90% wind shear level through a 1,000-feet aititude layer for annual data over the
United States is about 20 ft/sec per 1,000 feet or 0,020 sec™]. With the 200,000 feet
altitude wind shear specified as 0.020 sec”) , Table 5 hos becn constructed to indicate the
descent system velocities and ballistic coefficients required to satisfy various wind measure-

ment error requirements, Table 6 presents the porachute descent system data for both the
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Arcas 15-feet diameter parachute - Arcasonde 1A system, and the Dart 7, 6-feet diameter
paracl{ute - Datasonde system, From these data one can determine that both systems need
significant improvement to meet the 10 ft/sec measuring error requirement, The Arcas system
ballistic coefficient of 0,0655 Ibl"/ﬂ2 will permit a lag error of more than 130 ft/sec under

a 0,020 sec”! shear ot 200,000-feet, The dart system is only slightly better with a ballistic

coefficient »f 0,0603 It ,’/ffz. This system will permit a 120 ft/sec lag error.

TABLE 5

DESCENT SYSTEM VELOCITIES AND BALLISTIC COEFFICIENTS
REQUIRED FOR VARIOUS WIND MEASUREMENT ERRORS BASED
ON AN ALTITUDE OF 200,000-FEET AND
A WIND SHEAR OF 0,020 SECONDS™!

Wind Measurement Descent Ballistic Coefficient
Error, E Velocity, V, W/Cp$
10 ft/sec 127 ft/sec 0.005 [bf/ft2
20 180 .010
30 221 L0115
40 254 .020
50 285 .25
60 312 .030
70 335 .035
80 358 .040
90 380 . 045
100 401 . 050
110 420 ,055
120 439 . 060
130 457 , 065
140 475 .070
150 491 .075

Since the wind measurement error under consideration is essentially a response lag
or systematic error, rather than a purely random error, it appeors appropriate to use more than
a 1-sigma (standerd deviation), rms, error criterion for systems design, This is especially
true if the random errors due to radar tracking and parachute oscillations are small with
respect to the i ft/sec, ms, accuracy requirement. Perhaps a realistic requirement

would be for a 2.5 -sigma allowance of 25 ft/sec in the response lag error, For such o
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criterion, a descent rate of 201 ft/sec ot 200,000-feet and a ballistic coefficient of 0.0125

Ibf/ft2 would be required.

TABLE 6
DESCENT SYSTEM DATA

Arcas

Parachute Type 15' Hemispherical
Flying Diometer, ft 15
Flying Area, S, ft% 177
Parachute Weight, 1b 2.62
Payload Weight, Ib 4,65
Total Weiyn:, ', 1b l.27
Drag Coefficient, Cy 0.624

(on flying area, S)
Ballistic Coefficient, W/CDS 0. 0655
Payload Arcasonde 1A

Dart

7.6" Flat=Circular
5.7

25.5

0.225

0.788

1,013

0. 660

0.0603

Daiasende

Three ways to reduce the ballistic coefficient of the current systems are to: (1)

improve the drag coefficient (bosed on fabric area and packaging volume requirements),

(2) reduce the overall weight of the system, and (3) increase the fabric area or parachute

size, Most probably the drag coefficient based on fabric area cannot be greatly improved

over curient systems, providing full inflation is currently being achieved. A weight

reduction of the overall system caon be achieved in the case of the Arcas by reducing the

weight of the instrument. Since the dynamic pressure at apogee is appre ‘able with the

Arcas, reducing parachute weight and, thereby, strength may not be advisable. The weight

of the Dotasonde dart instrument is already minimum for the desired power supply operating

time, However, the dynamic pressure ot opogee is so low with the dart system that a

lighter-weight parachute fabric may be employed. An increase in the febric ares and
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parachute size is the most likely improvement for both systems up te the size where deploy-
ment may become a problem. However, if one follows the general rule that the parachute
weight should never be heavier than the payload for stability, a limitation on the improve-
ment of the ballistic coefficient for the Arcas system is approximately 0, 0475 lbf/ffz, and for
the dart system is 0. 0268 |bf/ft2. These data are based upen maintaining the some fabric
strength and density as is currently employed, The increased size of the instrumented dart
parachute to achieve this reduced ballistic coefficient would have a flying area of 89 ftz,
a flying diameter of 10.7-feet and a flat diometer of 14.2-feet. Its weight would equal
that of the insirument payload which is 0,788 lb. This system should have a descent rate of
294 ft/sec ot 200,000-feet and be caopable of measuring a 0,020 sec™! wind shear at this
level with an accuracy of 54 fi/sec.

An odditional benefit from reducing the porachute descent rate as suggested above
would be the reduction of the aerodynomic heating error of the temperoture sensor from
a +7.7°C error to a +3.5°C error at 200,000-feet. The sensor lag error would also b2
improved,

[:Ammons, ref, 8]esﬁmafes that for the 15-feet diameter hemispherical parachute,
used with the Arcas, the instantaneous horizontal velocity due to parachute oscillations
follows approximately o sinusoidal pattern with a maximum amplitude of about 50 ft/sec at
an altitude of 200,000-feet, The period of this pattern at 200, 000-feet appears to be about
2,700 ft. in altitude or 5,3 seconds. This pattern may be assumed to represent o theoretical
wind measurement error due to parachute oscillation. However, when this velocity pattern is
integrated to estimate a displacement pattern, o moximum displacement of only 50 ft is found.
Since the period of parachute oscillations, in the high altitudes ot least, appears to be

proportional to the square root of shroud line length, the estimated period for the dart

parachute is 1, 28_8 x 6.3 seconds or 3.4 seconds. if the same horizontal velocity maximum

is assumed for the 7. 6-feet diometer dart parachute os for the 15-feet diameter parachute, with the
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periud reduced to 3, * seconds, a maximum horizonta! displacement due to parachute oscillation
at 200,000-feet is only 26, 3-feet, This is equivalent to a radar look~-angle displacement of
0.115 mils, FPS-16 radar rms awcuracy is £ 0,14 mils in angular measurement and 45 ft in
slant range. Other less precise radar have rms accuracies of about £ 2 mils and 120 ft,
respectively. It appears that although oscillations of the dart parachute may lead to instan-
taneous velocities which might theoratically be interpreted as wind error, these velocities

do not cause sufficient horizontal displacements ta be detected by radar.

CONCLUSIONS

The flight tests of the Loki instrumented dart, Datasonde, system which have been
conducted to date have demonstrated that the system is compatible with the standard AN/GMD-18
ground equipment and is feasible for temperature and wind measurements between 75, 000-teet
and 200, 000-feet altitudes. The measurement accuracies of this system are consistent with the
current state-cf-the-art when the thin-film thermistor mount is employed, Reasonable temper-
atures have been measured to an altitude of 215,000-feet. A further improvement in both
the wind and temperature meosurement accuracies can be made by reducing the descent rate
of the parachute-sonde system.

The relidbility of the syste.n is adequate for operational use and no special skills or
techniques are required for lounching or data acquisition. The primary advantages of the
system are: (1) comparatively low cost, (2) minimum of handling effort by weather station
launch crews, and (3) much lower wind sensitivity thon most other meteorological rockets.

Of the three advantages listed above the one of primary importance is that the miniaturized
system provides essentially the same data obtained with much larger meteorological rocket
systems ot less than half the cost.

The system can be easily handled by one person,and a launch crew of fwo people is
sufficient to perform all launching functions,

The Loki Dart vehicle system has been fired in wins in excess of 40 knots with
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minimum launcher corrections, and many ranges do not require launcher corrections for

winds less than 20 knots, Therefore, very little effort need be expended in determining

launcher corrections due tc winds.
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ABSTRACT

- After reviewing the tremendous amcunt of come
putations work completed for the preparation of a
sounding rocket vehicle handbook, we wondered if,
empirically derived, closed-form approximations of
the variation of some of the performance parameters
could be found which might cut down the computing

E load on similar efforts, Apparently, accurate

closed-form performance approximations can be dev-

1 eloped, not only for the vehicle system considered

in the original effort, but for other sounding

rockets with widely differing payleoad and altitude
capabilities,

3 Sine functions were found that predict the

variation of a sounding rocket's apogee altitude

with launch elevation angle (in a range of 70-90

Degrees) to within 1,0 Percent of the value cal-

i culated with a digital computer trajectory program,
Cosine functions were developed that predict impact

. range as a function of launch elevation angle to
within 1,0 Percent of the electronically computed
value, Simflar trigonometric expressions accur-

ately described the variation of apogee and impact

time, and range derivatives, with elevation angle,

The ratio of impact range to apogee altitude was

found to be proportional to a Cotangent function of

the launch elevation angle, These approximations

! were applicable to vehicles having apogee altitude

capabilities from 60,000 tc at least 6,000,000 Feet.

Simple (computer) time-saving relationships were

' also verified for wind weighting data,

By the use of approximations it would, first
e of all, be possible to save considerable computer
( time, In addition, once the basic perfortance par-
ameters have been electronically computed, data
points not covered by the original computer runs
could be rapidly and accurately determined with
the approximatior formilas,

Attempts were made to correlate the approxi-
mation formulas with the physical performance
characteristics of the varicus sounding rocket
gystems to which they apply, These attempts were

not too successful, We, therefore, have no clear

e

theoretically founded understanding of why the

closed-form approximations apply to the data with

-t
D e eeien
-
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such high accuracy, However, the relationships
are apparently valid so that they can be used with a '

considerable degree of confidence.

I, INTRODUCTION

The proliferation of digital computers has
certainly been a blessing to those of us who need
t. calculate the flight performance and behavior
of sounding rocket vehicles. Computers are, today,
readily available to almost everyone in the sound-
ing rocket field, and each new generation of data
processing machinery is faster and cheaper than the
preceeding one, Furthermore, data communications
systems give us rapid telephone line access (> large
machines, Why then bother with performance approxi-
mations?

There are a number of reasons why one would be
interested in performance approximations, First,
no matter how fast and cheap, clectronic data pro-
cessing costs woney, For instance, at $3,00 per
minute for an IBM 7040 computer, a 300-500 Second
flight time point-mass trajectory simulatiop can
cost as much as $10,00, Second, the turnaround time
between fnput and output is an indirect cost that
adds to the first $10,00.

Furthermore, it is often the case that a whole
trajectory simulation {s required to furnish an acc-
urate value of "end-point data" such as apogee alti-
tude, impact range, apogee and {mpact time, an¢
similar variables, It would be very convenient if
some of these parameters could be obtained, with
reasonable accuracy, from closed-form equations,
The performance approximation formulas, described
in this paper, are aimed at providing this type of
convenience,

The approximation formulas are almost entirely
hased on and derfved frem empirical data, TFor ox-
ample, to describe the variatfon of apogee altitude
with launch elevation angle with a formula a series
of computer runs are needed to empirically describe
this relationship, From the computer data it {s
then possible to obtafin the constants and exponents
that make up the performance approximation formula.

Therefore, these relationships augment, but, Jo not
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replace, the clectrenic computer,

The approximation formulas can best be used for
the following:

1. To reduce the matrix of trajectory variables
that have to be considered in a parametric perform-
ance study, For cxample, to obtrain enough data to
fill an apogec altitude vs, launch cicvation angle
and paylead weight grid m (paylvads) times n (lavnch
elevation angles) trajectorles now have to be com-
puted, If there are four payloads at ‘ive launch
elevatior angles, this comes to 20 runs, Using the
empirical performance approximations we can cut these
20 runs down to cight. Then the remaining 12 data
pointa are obtained (in no more than 15 minutes) with
a degk calculator - to within 1,0 Percent of the el-
ectronically computed values,

2, Additfonal data points, not covered by the
original paramecric study, can be readily calculated
with the formalas,

3. Range derivatives (derivatives of impact
range with respect to launch elevation angle) can
be directly obtained with a desk calculator.

4, The number of six-dwugrec-of-freedom rigid
body simulations required for the determ’nation of
unft wind effects can be reduced considerably, Range-
and cross-wind «ffe.ts for a varieiy of payload
weights and launch elevation anglez can be deter-
mined with no more than three rigid body simulations
and a few point-mass trajectories,

There are a number of applications that these
performance approximations are not suitable for,
These are:

1. ‘the performance approximations do not re-
place basic parametric studies conducted on a com-
puter; although their scope can be significautly
reduced, these must still be performed,

2, Most of the empirical relatfonships we
have devzloped deacribe the varfation of perforn-
ance parameters only with launch clevation angle;
they do not describe the purameter's varfat{on
with payload weight,

3. The compirical relationships will not re-
place an vlcctronic computer in producing a cont-
inveus rocord of tlww, veiocity, altitude, elevatton,
range, etc, Although performance appcoximations
could possibly be developed for these parameters,

ruch an a, plication wonld compete¢ with the computer
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tn the cepetitive aspects of the task - where the
computer is an undisputed champlon.

&, For some vehicles, the empirical relation-
ships don't apply to certain parameters with suffi-
cient accuracy to be really practical, For some
other vehicles, the relationships may not work at
all. We have, to date, {dentified only one sound-
ing rockut vehicle in which the approximations give
angwers with relatively poor accuracy, ilowever,
there are undoubtedly others for which this s the
case, The approximations are, therefore, not uni-
versally applicable,

We found the empirical apyroximations to be a
very useful tool, despite these limitations, Even
while developing them we have slready used them
extensively to provide quick- snd accurate - answers
to pressing problems,

II, ANALYSIS

Empirically derived relatieaships have been
developed for the variation, wit™ launch elevation
angle of spogee altitude, apogee time, the ratio
of impact range to apogee altitude, impact range,
impact time, and range deifvatives, The relation-
ships for these performance par-meters give answers
that, in almost all casens, are witat.. 1.0 Pcrcent
of the values obtained from a trajectory simulation
on an electronic data processing machine, The app-
roximations were shown to apply, with the aforemen-
tioned 1,0 Percent azcuracy, to a wide variety of
vehicles with peak altitude capabilities from
60,000 to 6,000,000 Feet,

In addition, a relationship ¢f unit wird effects
to apogee altitude, previously suggested by another
author, has been examined and found to apply very
well to actual data, Suggestions regarding the most
advantageous use of this relationship are made,

To test and dermonstrate the application of the
empirically derived performance approximations we
selected nine different sounding rocketr configura-
tions. These nine were chosen because they repres-
ent disc]ict atmospheric regimes spanning two orders
of magnitude of altitude, from a low of only 60,000
Feet to a high of 6,000,000 Feet, The vehicles,
their altitude regimes, thelr payloads, and the
sources from which the data were obtained, are
1isted below:




Faylosd Data
Apogee Altitude welnht woulee

Yebiute Regine _ (fcet) OB ) (reference)
NIKE-DAXT (Unignited €0,001.65,000 ne \
Tomahavk Lpper Stage)

NIKE-NIKE-NIKE-CRIE 111 130,0004180,000 198 2
ARCAS-ROBIN 213,3004 260,000 L )
DOREGION TOMARAWK 363,0004420,000 80 “
NIRO 430,000+ 180,000 LR >
NIKE-TOARANK 900,00041,050,000 %0 1
NIKZSAROHAVY, 1,000,0004 1,170,000 H ) 6
SANDHAWK ~TOMAHAVX 2,100,000:2, 500,000 100 ¢
A AOBEE 1300 £,000,00006,00¢,0600 200 H

(References are )isted at the end of the paper,)
Each of the performance approximatfon formulas
will be presented in the following format:
1. What is the closed-form approximation
formula for a particular parameter?
2, How well does the formula work?
3. What, if any, theoretical correlation does

the spproximation formula have?

A. APOGEE ALTITUDE vs. LAUNCH ELEVATION ANGLE

Apogee altitude is perhaps the single most
important performance parameter in sounding rockets,
In additfon to being of primary fwportance to the
experimenter, it 18 also of great interest to range
safety personnel,

1. The Approxfmation Formula. A simple rela-

tionship describes the variation of apogee altitude
with launch elevation angle for a wide variety of
rockets, In equation form:
Apogee Altitude = Ak-sinns
eua=l
where,
A, = (Apogee Alti:ude/sin") 6-8

vema2

in which Gk is some reference launch elevation
angle, Experience indicates that, in most cases,
the highest formula accuracy is obtained when the
reference launch elev.cion angle is tsken near the
midpoint of the elevation range considered for the
particular vehicle. Thus, 1f the potential range
is 75-86 Degrees elevation, 80 Degrees is the best
reference angle, However, for sowe vehicles, the
approximation formmla works best when either the
maximum or the minfmum elevation angle 1s used as
the reference point,

We found that the Sin® exponent (n) varies
with the sounding .....ct configuracion, and cannot
be dircctly correlated with any of the vehicle char-

acteristics we have, thus far, examined, Therefore,

an casy way of determining tha exronent (using a
graph presented in the paper) 35 described {n the
Appendix,

2, Approximation Formula Results., Table 1

shows the results of the apogee altitude spproxi-
mation formuls applied to nin. different sounding
rocket configurations,

TABLEL  APOGEE ALTITUDE vs, LAUNCH ELEVATION ANGLE

Approximation formuld- Apogee Altitude ¢ At-Sm"O.
n
Ak (Apogee AltitudesSin 6} 0. ek
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ASTACBEE 1500 0 3,920,000 3,943,000 o

800 an 8% 3, HE00 «
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* Inéleater “

Starting at the low end of the altitude
scale, we have s vehicle consisting of a Nike
booster and an unignited Tomahawk upper stage, the
Nike-Dart, (This configuration can only be realized
‘n case of sn upper stage ignition failure on a stan-
dard Nike-Tomahawk vehicle,) Using an exponent of
3.0, the approximatfion forrula predicts the varia-
tion of apogee altftude with launch elevation angle
wich at most a 0.6 Percent difference from that cal-
culated with an electronic data processing machine.

At the other altitude extreme, the Astro-
bee 1500 is capable of carrying a 200 Pound payload
to an altitude of almost 6,000,000 Feet. The for-
mula, with a SinB exponent of 6.5, approximates the
function apogee altitude vs, launch elevation angle
vith a maximum of 0,7 Percent error over a 70-88
Degrees elevation angle range,

This correspondence of apogee altitude vs,
launch elevatfon angle to the Sine functfons is ill-
ustrated in Figure 1. To show the relatfonship more

clearly, we form the ratio of apogee altitude at any

13¢
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angle to apogee altitude at some reference launch
wlevation angle, This has been done for two of the
rehicles described in Table 1, the Nike-Dart and the
Astrobee 1500,

L ZOF

sin® arsm® %50 -

L1

,.
8

=3
8

o AGINOBEE 1500
& NIKE-DART

APOGEE ALTITUDEBIAPOGEE ALTIIUUESU

0. 89

07 S T
70 12 14 76 78 8 & 8 8 8 90
LAUNCH ELEVATION \NGLE (uegreest

FIGURE ).  NON-DIMENS IONALIZED APOGEE ALTITUDE
vs. LAUNCH ELEVATION ANGLE

A close look at the Sln6'58 curve and the Astrobee
1500 computed data shows that even better agreement
would have been possible with a Sin® function expo-
nent slightly less than 6.5,

The empirically derived equations for apo-
gee altitude vs, launch elevation angle can usually
be applied, without modification, to the whole range
of payload weights normally carried by the particu-
lar vehicle, Therefore, if a Sinf exponent of 5,0
and a reference elevation angle of 80 Degrees works
well for the Nike-Tomahawk,carrying a 140 Pounds
payload (the example shown in Table 1), it also
applies to the minfmum weight of 60 Pounds, and
the larger payload of 260 Pounds {sce Table 2),

TABLE 2, APOGEE ALTITUDE vs, LAUNCH ELEVATION ANGLE
FOR THREE NIKE-TOMAHAWK PAYLOADS

L™ F oevetion Ao R RIUREIRT .
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For the 60 Pound payload the Slnse curve answers
differ by a maximum ot only 0.2 Percent from computer
results., At 260 Pounds, the approximation formula
results in only 0.9 Percent error, Therefore, once
the varifation of a vehicle's apogee altitude with
launch elevation angle has been characterized for
any given payload, this empirically derived relat-
fonship applies, as well, to other payloads that may
be carried by that vehicle, (This tendency, of a
vehicle to be characterized by one exponent, »as
verified on a number of other sounding rockets for
which data was avsilable,)

The approximation formula does not always
work satisfactorily, The empirical forwulas did
not apply to one vehicle, the Argo-D4, or Javelin,
(Reference 8) nearly as well as to the others, Table
3 shows the results of the attempt to fit Equation
1 to the data for this system,

TABLE ), APOGEE ALTITUDE vs. LAUNCH ELEVATION ANGLE FOR THC JAVELIN (ARGO D-4)

Lavne? Elevatam YA Ay gee AT e frsets  tve o
Jericle Al (Gegronas aprnene piry Geveers
SALIn L (N3] 2,0% o
s E I e, .
" 3252 0 2ok s

The minimum error, for *he Javelin, is 1.5 Percent,
twice the largest maximum error observed for any of
the vehicles listed in Table 1, The maximum error
is 2.4 Percent,

After cons'derable soul searching on the
subject we did not come up with any reasonable ex-
planations for the ineffectiveness of the approxi-
mation formula for this vehicle, Altitude was
obviously not the reason; the Sandhawk-Tomahawk
goes almost as high, and the Astrobee 1500 much
higher, The number of stages seems to have little
bearing on the problem; the Nike-Nike-Nike-Cree III
has three stages and yet the approximation formula
works quite well, Exoatmospheric flight was not the
cause either; the Astrobee 1500 upper stage ignftes
at 200,000 Feet and burns out at well over 500,000
Feet, The extensive stage III/IV coasting period
might be one source of the problem; this is the
only item that was significantly different from
the trajectories of the other vehicles.

There is, therefore, at least onc vehicle
system, and undonbredly 2 number of others, to whivh
these empirically derived relatfonships do not apply
with a high degree of accuracy. 1If a 2-3 Perrent
accuracy is acceptable, Equation 1 could still be

used for the Javelin, However, at that level of
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accuracy, there would probably be a tendency to make
a computer run anyway, "just to be sure". This
would reduce the usefulness of the approximation
formula considerably,

3. Correlation of the Approximation Formula

with Theory, The theoretical basis for the empiri-
cal characterization of the apogee altitude vs.
launch elevation angle relationship is vague, at
best, A tenuous link to theory is provided by the
simplified case of a vacuum trajectory of a point-
mass over a flat, non-rotating carth, with constant
gravitational attractlon, In these cfrcumstances
apogee altitude is related to the Sine function as
follows:

Apogee Altitude = B+ (Y§2?281n26b°
2g
—eme3
where H , vbo, and ebo’ are, respectively, the
altitude, velocity, and flight path angle (above
the horizontal) of the final propulsive stage.

Expericnce indicates that two terms in
Equation 3, l%o and Vbo, do not vary substanti.lly
with launch elevation angle. For example, in the
high flying Astrobee 1500 the final stage burnout
altitude varies from 420,000 to 525,000 Feet, at
the launch elevation angles of 70 and 88 Degrees,
respectively, For the same vehicle, the in:rnout
velocity 1s even less affected by launch eicvation
angle; 17,400 Feet/Second at 70 Degrees, and 17,500
Feet/Second at 88 Degrees.

This illustrates that, even in the non-
idealized, "real-1ife" world, apogee altitude is
primarily dependent on some function of the Sine.
Intuitively, this makes sense; apngee altitude is
maximum when the flight path or launch elevation
angle is 90 Degrees, which corresponds to the maxi-
mum value of the Sinc function, What i{s not clear,
is why the various sounding rocket vehiclee have
apogee altitude curves that so closely follow the
function of Sinf to higher exponents,

The shapes of the Sine functions, to various
exponents (1, 2, 3, 5, 10, 15, and 20), are shown
in Figure 2, belovw, As the SinB exponent increases,
the curves become steeper as the angle 8 approaches

90 begrees,

0.80

0.70

060

sin’e

0.50

0.49

0.30

0.20

0.10

90 85 80 5 0 65 60
8 tDegreest

FIGURE 2, THE SUNCTION S1n"0 15,6

The increasing steepness corresponds to a greater
sensitivity of apogee altitude to launch clevation
angle, A strong variation of apogee with elevation
angle indicates efther a drag sensftive configura-
tion, or a high altitude capability rocket, or a
combination of both, Therefore, one would expect
these types of vehicies to have high Sin8 exponents,
and they do,

However, thesc are not the only varfahles
that affect the shape of the apogee altitude vs,
1aunch elevation angle curve for a sounding rocket
vehicle, At least the following factors arc involved:

- Ballistic coefficient (NICDA)

- Specific impulse of the propulsive stages

- Burn time of the propulsive stages

- Coasting time between stages

- Number of propulsive stages

- Tinail slage burpout altitude
It is difficult to understand the simulatancous .ffect
of all of these factors ca the varfation of apogee
altitude with launch elevation angle, for a parti-
cular sounding .ocket. We do know that their
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combined effects can be empirically represented by a TABLE & APOGEE TIME vs. LAUNCH ELEVATION ZNGLE

Asproximation Formula: Apogee Time « B,: Sin"0:
exponential powers, After an cxtensive scarch for Bk-upweeﬂmuShnee_e
k

Sine function (of the clevation angle) to varlous
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ception that the Sine of the launch elevation angle " B “he w2 Y

® Idtcotee 8,
correctly describes the maximum of apogee altitude to

be at 90 Degrees, the theoretical reasons for this
function closely approximating the actual physical In Table 4 the maximum ervor, defined as the dif-
relationship (between apogee altitude and launch ference between results predicted by the formula and

clevation angle), are not clear, those obtained from digital computer trajectory

simulations, is only one-half of one Percent for any
B, APOGEE TIME vs, LAUNCH ELEVATION ANGLE, of the vehicles examined. Errors of 0.1 and 0,2
To develop an approximate re‘ationship of apo- Percent are common,

gee time to launch elevation angle we tried the same Therefore, the empirically derived formula for

type of Sine function that worked well for apogee the relationship of apogee time to launch elevation

altitude, The results of this approach were very angle produces very high quality approximations,

in this applicatfon, Furthermore, as was the case
encouraging,

d .
1. The Approximation Formula, The following for apogee altitude vs, launch elevation angle, the

empirical relationship deacribed the variation of approximation formula can be directly apvlied to a

id d d t,
apogee time with launch clevation angle: wide variety of payloads in any given sounding rocke

Once that vehicle system has been characterized by

n
Apogee Time = B, +Sin 6 a Sinb exponent, the value of n remains unchanged

---cb for all payload welghts carried by that system,
where, 3. Correlation of the Approximation Formula
Bk = (Apogee Tlme/Slnnﬁ)e .8 with Theory. The development of an apogee time
k " vs, launch elevation angle formula was based on the

intuitive feeling that altitude and time should be

in which ek {s the reference launch clevation angle,
similarly related to elevation angle. It scon be-

and n, the empirically determined cxponent of the

Sir  function came obvious that apogee altitude and time were

2. Approximation Formula Results. Table & indeed related, and in a most straightforward way,

id -
shows the results of applying the approximation for- Consider the vacuunm trajectory of a point

mula to the seven sounding rocket vehicles for which mass, launched vertically, from sea level, over a

apogee time data vere available, (Apogee time {n- flat earth, with a constant gravity field, If the

formation was not given for either the Nike-Nike- vehicle reaches an apogee altitude l'max’m time
Nike-Cree IIT, or the Astrobece 1500, References 2 tapogee,

and 7.)

these paramet:re are - ated by:
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}kax = (8/2) (tapogee)
eeasb
Rearvanging Equation 6, the time required, to get to

apogee, becomes:
= (2H /g)k

tapogee max
B

which means that apogee time is proportional to the

square root of apogee altitude,

This was immediately verified by the Sinf
exponents found to best approximate apogee time vs,

launch elevatisn angle; in every case, the best value

of the SinB exponent for apogee time was necarly half

of the best exponent found for apogee altitude, In

fact, the empirically derived relationship for apogee
time applied to the data with even higher accuracy
than did the approximation for apogec altitude,

This relationship, between apogee altitude
and time, reflects the behavior of these parameters
in an idealized drag-free, constant-gravity environ-
ment, Yet, this idealized environment is not encoun-
texred by any of the vehicles examined in this paper,
D-ag losses are certainly signiffcant in the flight
of the Nike-Dart, This vehicle, which has 2 burnout
velocity of almost 3000 Feet/Second, 1s sufficiently
retarded by aerodynamic drag to reach less than half
of its inwvaccuo apogee altftude, The assumption of
constant gravity obviously does not apply to the
Astrobee 1500 where the gravitatfonal acceleration,
at apogee, is approximatcly 88 Percent of the sea
level value,

Therefore, it seems remarkable that the relation-
ship between apcgee altitude and apogee time in the
"real world" so closely resembles the vartation of
these parameters in an idealized (constant-gravity,
zero-drag) environment,

C, THE RATIO OF IMPACT RANGE TO APOGEE ALTITUDE,

In a2 1963 paper Hoult(Reference 9) postulated
that a simple approximate relationship exists between
the ratio of impact range to apogee aititude and the
launch elevation angle. If this were true, this
ratio could be used to obtain impact range as a by-
product of the empirically derived relationship of
apogee altitude vs, launch elevation angle, Hoult

thought that the following was a good approximation:

Impact Range
Apogere Altitude = 4 Cotan8

--=-8

where 8 1s the launch clevation 2agle. This rela-
tionship did not quite hold in the simplified form
he proposed, However, with a modification {n the
constant of Equation 8, reasonably good results were
obtained,

1. The Approximatfon Formula, An empirically

verified formula, for the ratio of impact range to
apogee altitude as a functfon of launch elevation
angle, is shown below:

(Imgact Range

Apogee Al:xtudeé - Ck-COtanO

-9
vhere
C = (M_) /(Cotan 20%)
k Apogee Altitude 0 = 80°
-==210

Equation 8 differs from Equation 9 in that a con-
stant in the latter is empirically determined at
some referent ¢ launch elevation angle,

2. Approximation Formula Results, Equation 9

was applied to cight sounding rockets for which we
had apogee altitude and impact range Jata, Table
5 shows the results,

TABLE 5 IMPACT RANGE/APOGEE ALTITUDE vs. LAUNCH ELEVATION ANGLE
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It is evident that this formla i{s less accurate at
predizting the variation of actual data than some

of the approximations previously developed, Errors
as large as 7.0 Peicent, between clectronically com-
puted and predicted values, are found, However, the
relationship is acceptable for rough-order-of magni-
tude answers,
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3, Correlation of the Approximation Formula
with Theory. The theoretical basis of the approxima.

tion formula {s established in the previously men-
tioned Reference 9, Briefly, the relationship would
apply exactly to a vehicle in a parabolic vacuum tra-
Jectory over a flat earth, with a constant gravity
field, In such an idealized environment we have for
impact range:
Impact Range » (ZVOZSinOCOsB)/g
-===11
and apogee altitude:
Apogee Altitude w (Vozslnze)/(Zg)
--=e12
Dividing Equation 12 into Equation 11 gives:

Impact Range
Apogee Altitude - ° Cotanb

previously indicated as Equation 8,
D, IMPACT RANGE vs. LAUNCH ELEVATION ANGLE,

Impact range is, like apogee altitude, one of
the fmportant performance variables in a sounding
rocket, Range 1s extremely sensitive to launch ele-
vation angle; for the vehicles considered in this
paper this parameter varles by more than two orders
of magnitude,

1. The Approximation Formula, If the Cotan-

gent of the launch elevation angle expresses a func-
tional relationship between impact range and apogee
altitude, then we can perhaps extract range from
Equation 8 as follows:

Impact Range = Kl-Apogee Altitude+CotanB

eee=ll

where Kl i{s a constant, Section A. shows that apogee
altitude is a function of launch elevation angle, so

that Equatfon 13 can be rewritten as:

Impact Range = KZ-SinHG-CotnnO

-~==14
where Kz is another constant, Since the Cotangent
equals the ratio CosB/SinB, Equation 14 becomes:

Impact Range = Kzustnn'la-CosO

--==15
As the elevation angle increases Cosf approaches
zery reflecting the physical fact that impact range
is essentially zero when the launch elevation angle

i¢ 90 Degrees,

2, Approximation Formula Results. The results

of applying Equation 15 to eight different sounding
rocket vehicles are shown in Table 6.

TABLE & IMPACT RANGE vs, LAUNCH ELEVATION ANGLE
Appcoximation Formula: Impact Range « ok- $in"8-Cos0
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The values of impuct range, predicted by
the approximation formula, are, generally, quite
accurrte. Differences between (electronically) com-
puted and predicted range vary from a high of 1.7
Percent for the Arcas-Robin to a low of essentially
zero for several vehicles. The 1,7 Percent error
in the Arcas-Robin occurred at 88 Dugrees elevation
angle; at 80 Degrees the computed/predicted differ-
ence, for this vehicle, was 0,1 Percent, Of the
remaining seven vehicles, five had maximum errors
of less than 0.5 Percent,

3. Correlation of the Approximation Formula

with Theory. The formula for the relationship be-
tween impact range and launch elevation angle is
derived from the approximate proportionality of the
range/apogee ratfo to the Cotangent of the elevation
angle, Since, empirically, apegee altitude vs, launch
elevation angle is proportional to a Sine function,
we can relate impact range to launch elevation as
demonstrated in Cquations 13, 14 and 15, above,
According to Equation 15, the Sinf exponent
for fmpact range should be one less than the value
of n for apogee altitude, However, a review of the
SinB exponents that gave the best results in Table
6 (Impact Range) shows that these are not always
one less than the "n" values that produced the best
answers in Table 1 (Apogee Altitude), This {ndic.tes
that the CotanB® link, between impact range and apo-
gee altitude, does not reflect the physical data in
the same way as either of the empirical relationships
for apogee or range as functions of launch elcvation

angle.
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Thus, we have again an empirical formula,
partly derived from vacuum, constant.gravity consid-
erations, that accurately describes the variation
of ifmpact range with launch elevation angle, for a
wide variety of sounding rocket vehicles that fly

neither in a vacuum nor in a constant gravity field,
E, IMPACT TIME vs. LAUNCH ELEVATICN ANGLIZ,

Impact time, or total time of £flight, is amother
parameter routinely computed in sounding rocket per-
formance, The varfation of impact time with launch
clevation angle was empirically approximated by the
same type of equation used to describe the apogee
time function,

1. The Approximation Formula, The following

formula accurately approximates the relationship of
impact time to launch elevation angle:
Impact Time = sk-51n“e
-==-16
where

E, = (Inpact Time/$4n"8) 6 -8,

-=-=17
Equation 1€ is similar to Equation 4, developed for
apogee time.

2, Approximation Formula Results, Table 7

shows the results of applying an ewpirfcally derived
approximation formula to the functfon impact time vs.

launch elevation angle,

TABLE 7. IMPACT TIME vs, LAUNCH ELEVATIOH ANGLE
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Excellent approximations were obtained by using the
Sinne function, The maximum difference between the

electronically computed and predicted results was

0,7 Percent, for the Arcas-Robin at 80 Degrees launch
elevation angle, The best results were obtained for
the Nike-Sandhawk, where the approximation formula
predicted impact time to within less than 0.1 Per-
cent of the actual data, at the extremes of the ele-
vation angles considered.

3, Correlation of the Approximation Formuls

with Theory, The total time of flight (or the ime
pact time) of a point-mass in a zero-drag, constant-
gravity environment {s exactly twice the time req-
uired to reach apogee. Under thesc conditions, a
linear relationship should exist between the {mpact
and apogee times,

The souniing rocket vehicles considered
{n this study do not, however, fly in a drag-free
constant-gravity environment, Therefore, one would
expect some differences between the relationships
of the apogee and impact times to launch elevation
angle. This is verified by the fact that the Sinf
exponents which best fit the formulas for impact time
(Table 7), differ from those which are most effect-
ive for the apogee time (Table 4) approximation,

It is truc, for a great many sounding roc-
kets, that the total time of flight {s nearly twice
that required to rea:h apogee. This holds especially
for vehicles with high ballistic coefficients (W/CDA),
and burn times that are short, compared to the time
required to reach apogee, Vehicles with lung burn
times and high ballistic coefficients will take
longer to risc to apogee than they will to fall from
apogee to impact, Conversely, vehicles with long
burn times and small ballistic coefficients wili
take significantly longer from apogee to impact,
becaagse of their deceleration by aerodynamic drag,
Launch elevation angle also influences uounding
rocket flight tfme, As the elevation angle is in-
creased, drag losses approach a minimum since the
vehicle leaves the retarding atmosphere more quickly
at the higher angles.

The different combinations of burn time,
ballistic coefficient, an' launch elevation angle
all interact to affect the total time of flight of
a sounding rocket, The sin"9 function accurately
describes this interaction for all of the vehicles
exanined, These f{nclude sounding rocket configura-
tions with high ballistic coefficients and short
burn times, 1 ballistic coefficicnts and long

burn times, and combinations of the previous two,
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F., RANGE DERIVATIVES vs. LAUNCH ELEVATION ANGLE,

Approximations for the function impacr range
vs, launch elevation angle are, in themuesves, use-
ful in a number of ways. In addition, the approxi-
mation formulss can be mathematically manipulat.d
to yleld some useful by~products, For example,
differentiating the equation for impact range vs.
1amch elevation angle ylelds the range derivative,
dR/d8, the rare of change of range with respect to
elevation angle, This parameter 1s required to
compensate the launcher elevation setting for
wind cffects,

To {llustrate the method by which range der-
fvatives are obtained, we used the Nike-Tomahawk
data from Table 6, For this vehicle,the empiri-
cally derived approximate relationship of impact

range to launch elevation angle is:

Impact Range = Dk-SlnnG-CosB
--=-18
where n » 3,5 and Dk w 5,734,512 Feet, Substitu-
ting these constants,

Impact Range (Feet) = 5,73&,512(Sln3°56~6039)
~~ea19
Differentiation of Equation 19 with respect to the
launch elevation angle (8) gives:
dR/df(Fest/Degree) =

@ 5,734,512 (3.5°Sin>"78+CosB-5tn’*38)
=220
Equation 20 for dR/dB was evaluated at 75, 80 and
86 Degrees launch elevation angle, and the data {s
compared below with the digital computer results
from Reference 1,

Launch tlevation Range Derivative, dR/dO

Angle  (Degrees) {Feet/Degree)
Computed Predicted
75 -64,000 -64,100
80 -83,200 -83,250
86 -97,300 -97,300

The maximum difference between the electronically
computed and predicted results is one-sixth of oac
Percent.

The empirically derived data could be obtaiined
with 2 Sine table and a desk calculator; the com-
puted results involved an electronic data process-
ing machine and a desk calculator, The data pro-

cessing machine was used to determine the least-
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squares coefficients of an equation for range vs,
launch elevation angle, The curve-fit equation

was then differentiated to detarmine the range deri~
vatives,

There is no question that it would be simpler
and nore convenient to use the empirically derived
{mpact range vs, launch elevation angle equation;
the sacrifice in the accuracy of the results is

nearly negligible,
G, UNIT WIND EFFECTS vs, APOGEE ALTITUDE,

In a paper presented to this conference last
year, Hoult (Reference 10) stated that "the unit
wind effect, . , .(was) proportional to peak alti-
tude”, In that paper his analysis was based on a
simplified model of vehicle flight in a zero-

We checked chis

simplification against six-degree-of-freedom unit

drag constant-gravity environment,

wind data, computed for several different sounding
rocket vehicles, The linear relationship between
unit wind effect and apogee altitude accurately
described the behavior of the data,

As an example, unit range~ and cross-wind ef-
fects were computed, at one payload weight and four
launch elevation angles, for a NASA/Nike-Tomahawk
sounding rocket configuratfon, serial NASA 18.46.
This vehicle will zarry a payload weighing 210
Pounds, The unit wind effects, computed with a
six-degree-of-freedom (6-D) trajectory program, are
shown in Figure 3,

840,000
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FIGURE 3. UNIT WIND EFFECTS (FOR NASA 18,46 COMPUTED WITH
S1IX-DEGREE-OF-FREEOOM TRAJECTORY PROGRAM
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The 6-D data points are the dots inside the circles
in Figure 3, It is immediately obvious that the 80
and 83 Degrees data points, for both range-and
croas-wind are superfluous; the linc, between 78 and
90 Degrees, is straight, Note that when the launch
elevation angle is 90 Degrees unit range- and cross-
winds are (by definition) icentical, Therefore,
only five rigid body trajectory simulations are
required to construct the lines in Figure 3; three
runs at 78 Degrees launch elevation angle, and

two at 90 Degrees,

The proportionality of unit wind effects to
apogee altitude is a very useful relationship.
First, it elfminates about 75 Percent of the 6-D
trajectory simulations needed to generate a matrix
of unit wind effects vs, payload weight and launch
elevation angle, Second, a last minutc change in
payload weight, or launch elevation angle no longer
requires a recuuprtation of unit wind effects, Unit
winds, for the new payload or clevation angle, can
be quickly and accurately determined from graphs of
the existing data, Therefore, both convenience and
econcmy indicate that we should take full advantage

of the unit wind effect/apogee altitude relationship,

The method for doing so is explained below,
1, Six-Degree-of-Freedom Data, In Figure 3

it was evident that 6-D computed unit wind effects
are required only at the “anchor-points" of the unit
wind vs, apogee altitude lines, Our example shows
these at 90 and 78 Degrees launch elevation angle,
These points provide enough data to handle any wind

compensations for one payload weight (210 Pounds),

Now unit wind e¢ffects are apparently lin-

early proportional to apogee altitude, for any given
payload weight, One would expect a similar relation-

ship to hold, at any given launch elevation angle,

for different payload weights. A line of unit wind
effects vs, apogee altitude, at one launch elevation
angle is, therefore, needed, Logically this tine

should be at 90 Degrees, Recause of the linecarity
of the unit wind/avogee altitude function only two

90 Degree data points are vequired, In the example,

one of these has already been computed for 210 Pounds

payload weight (sce Figure 3). A second point, at

200 Pounds and 90 Degrces launch clevation angle, is

added ia Figure &4,
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The line of apogee altitude vs, unit wind effects
at 90 Degrees launch elevation angle (Figure 4)

is highly f{mportant, It contains the "anchor-
points" for range and cross unit wind cffects for
the different payloads, at 90 Degrees elevation
angle, where the range and cross unit wind effects
are equal, Thus, knowing apogee altitude at 90
Degrees for any paylead, we can immediately obtain
the corresponding unii wind effect,

2, Three-Degrec-of-Freedom Data, To complete

the set of unit wind data, 2 curve of apogee aitl-
tude vs, payload weight - at 90 Degrees launch cle-
vation angle 13 nceded, Such a curve, casily
obtained with three point-mass (3<D) trajectory
sfmulations, is shown (on the next page) for the
NASA 18.46 configuration (Figure 5).

Once the apogee altitude, for any payload
weight at 90 Degrees launch elevation angle, is
known (from Figure 5), the ccrresponding unit wind
cffect, at 90 Degrees elevation, can be found in

Figure &,
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3. Unit Wind Effects Matrix., The seven 6-D
trajectory simulations and the three 3-D runs have

provided enough data to fill in a complete unit
wind effects vs, launch elevation angle and pay-
load weight matrix for NASA 18,46,

The 6-D trajectories established the slopes
of the range and cross unit wind effect vs, apogee
altitude lines, at one payload weight, They also
fixed the slope of the unit wind effect vs. apogee
altitude line, at 90 Degrees launch elevation angle,
The 3-D trajectory curve of apogee altitude vs, pay-
load weight provided the intercepts, for different
vehicle payloads on the unit wind effect vs, apo-
gee altitude line at 90 Degrees elevation angle,

Once these slopes have been established,
the range and cross unit winds are determined by
drawing lines parallel to the original (computed)
unit wind effect vs, apogee altftude curves. This
process is illustrated in Figure 6,

The so0lid line and circles in Figure 6
represent the data obtained by six-degrec~of-free-
dom trajectory simulations, All of the rest of the
information, shown on that graph as dashed lines,
can be obtained from these 6-D points and the curve
of apogec altitude vs, payload weight (at 90 Degrees

launch elevation angle).
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FIGURE & UNAT WIND EFEECTS (FOR NASA 18,46 AT IS AND %0
OEGREES LAUNCH ELEVATION ANGLE FOR PAYLOAD
WEIGHTS OF 200-230 POUNDS

Frem this {nformation unit range- and
cross-wind effects can be¢ determined for any com-
bination of launch elevation angles and/or payload
weights, considered for the vehicle,

Impressive savings in computer time are
possible by this method. Previously, for a three
payload weight by a “hree launch elevation angle
matrix of unit wind effects, 27 six-degree-of-free-
dom trajectory simulations were required, This took
about one hour of (7040) computer time, Using the
method described above, a much more com>rehensive
set of unit wind dats couad be obtained .ith just
seven 6-D simulations and three 3-D trajectories,
Less than 20 minutes of computer time would have
been required to calculate all of the necessary
data,
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111, CONCLUSIONS

A number of empirically derived approximations
were developed that accurately describe the varia-
tion, wicth launch clevation angle, of sc¢veral im-
portant sounding rocket performance parameters, In
addition, a straightforward relationship between
unit wind effects and apogee altitude, proposed by
arother author, was verified, and methods for its
useful employment were demonstrated,

Specifically, we found that:

- The variation of apogee altitude wita launch
elevation angle can be accurately approximated by
the function Stnne, where 8 is the clevation angle,
and n an exponent characteristic of each specific
vehicle,

- Apogee time vs, launch elevatfon angle also
follows the function Sin"8. Significantly, the ex-
ponent n is exactly one-half the value used in the
empirical approximation for apogee alctitude,

- The ratio of impact range to apogece altitude
is proportional to the Cotangent of 8, The accura-
cy of this approximation ic not as high as those
developed for o*%er pavameters,

- Impact range vi, launch elevacion angle is
accurately expressed by a function sin"8-Cosh,

- Impact time vs, launch elevation angle can
be approximated by a sin"0 function,

- The variation of range derivatives as a func-
tion of launch elevation angle can be directly ex-
tracted from the impact range vs. launch eclevation
angle approximation by simple differentiation,

- Unit wind effects are linearly proportional
to apogee altitude, This relationship holds for
both range- and cross-winds over a wide span of
launch elevation angles.

With exception of the {mpact range/apogee al-
titude variation,the empirically derived approrima-
tions, for the fenctions described above, generally
hold to within t,0 Percent of the values obtained
by trajectory simulations on digital cemputers,
Therefore, the appronimatfons will gsive answers of
sufficiently high accuracy to significantly reduce
the need for digital computer trajectory simula-
tions,

The correlation with theory of most of the
empirically derived relationships fs vague, For
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example, we were not able to find any explicit link
between apogee ultitude vs, launch elevation angle
and the Sine function., Some of the approximations
can be at least crudely justified on the basis of
{lat-carth, zero-drag, constant-gravity considera-
tions,

In this vein, {t docs make sense that apogec
time is directly proportional to the square root
of apogee altitude, and that a range/apogee ratio
is roughly proportional to the Cotangent of the
launch elevation angle - if the sounding rockets
ave fiying in a zero-drag constant-gravity environe
ment, However, the approximations are accurate
when applied both to vehiclex that traverse only
the lower atmosphere (and are trus strongly affec-
ted by drsg), and to sounding rockets that go to
altitudes approaching one-third of the ecarth's
radfus (in trajectories where gravity cannot, by
any stretch of the imagination, be considered con-
stant),

The sounding rocket performance approximatisns
described in this paper are,very probably, only a
small fraction of those that can be developed, Fo
instznce, there are undoubtedly ways of predicting
the variation of some performance parameters as a
function of payload weight, Such a relationship
would, possibly, involve 2 more sophisticated
approach than the one we have taken, However,
parameters such as range at apogee, time above a
certain altitude, and others, would probably fol-
low familiar trigonometric functions similar to
those used in this paper.
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APPENDIX

The primary functfon of thig paper is utilita-
rian; {t presents some useful relationships for the
empirical approximatios of a number of important
sounding rocket vehicle performance parameters, To
enhance this uetlity we have included several
graphs in this Appendix to simplify the task of de-
termining the cxponents for the various approxima-
tion formulas presented in the previous sections,

The use of these graphs is explained below,

A.1l. APOGEE ALTITUDE vs. LAUNCH ELEVATION ANGLE,

It was shown in Section II.A. that apogee alti-
tude depends on the Slnne, where 8 is the launch
elevation angle, and n is empirically determined,
Since the varfous sounding rockets have different
exponents a graph was constructed to simplify the
determination of n,

To find the correct Sinne exponent, data from
several trajectory simulation runs, at one pay\inad
weight and various launch elevation angles, are
ceeded, Using that information, divide the apogee
alritude at any elevation angle by that at 80 Deg-
rees. Then, recalling (a slightly rearranged) Equa-
tion 1, we have:

Apogee Alticudee

. Sing
Apogee Altttuda80 Slnn80

The result s equal to the ratio of the Sines - to
some exponent, To determine the exponenc, turn to
Figure A.1 whick contains the function sxn"e/sxn"so,
for n = 1-15, ¢nd 6 = 75-90 Degrees. The valuc on
the ordinate (Apogee AlcltudtelApogee Alcitudeeo)
wili intersect one of the Str"'9/sin"80 curves at
the angle 8 at which the ratio was originally
formed, That Sine curve, and that exponent, repre-
sent the variation of apogee altitude with launch

elevation angle for the particular sounding rocket

conflguration,
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A.2. APOGEE TIME vs, LAUNCH ELEVATION ANGLE,

To establish the exponent of this function
we have provided Figure A.2, In that i1llustration,
the ratfo S{nn9/Slnn80 1s expanded to include expo-
nents {rom 1.0 to 5,0, in increments of 0.5,

As in A,1 above, to find the Sin"g exponent
for the function apogee time vs, launch elevat{on
angle, first form the ratio of apogee time at some
elevation angle (8) to that at 80 Degrees, The
intersection of that ratio (along the ordinate) with
the launch elevation angle at which {t was formed
(along the abcissa) will determine the $1n"8 curve
that best fits the particular vehicle,

The same technique can be used to find the
>est exponent for the function {mpact time vs,
launch elevation angle, where Figure A,¢ 15 also

applicable,

A.3.  DMPACT RANGE vs. LAUNCH ELEVATION ANGLE,

This relatfonship {s a function of $in"g.Cos8,
SinnG-COselslnnBO-Cosao curves are given for expo-
nents n « 1, 3, 5, 10, and 15, at launch elevation
angles of 80-90 Degrees (Figure A,3), Figure A.4
shows th{s ratio (same exponents) at launch eleva-
tion angles of 75-80 Degrees,

To find the best Sin"g exponent the ratio of
impact range at some elevation angle (6) to that at
80 Degrees is determined, Locate that point on
Ffgure A, 3 or A.4, The exponent of the nearest

SinnBACose curve can be used for this vehicle,

NOTE: FIGURE A,1 - A,4 ARE ALL BASED ON A
REFERENCE LAUNCH ELEVATION ANGLE OF 80 DEGREES,
FOR SOME VERICLES THE APPROXIMATION FORMULAS WORK
BEST WITH REFERENCE ELEVATION ANGLES OTHER THAN 80
DEGREES, THEREFORE, FIGURES A.1 - A.4 CANNOT BE
USED FOR THOSE SOUNDING ROCKETS,
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A CONTROL SYSTEM FOR REDUCTNG THE DISPERSION OF MUL1I-STAGE SOUNDING ROCKETS *
by

. R. Conrad
R. Gleyre
. Ottesen
S. Hu

L@

INTRODUCTION:

Those active in the sounding rocket community, nctably vehicle designers,
users, ballisticians and flight safety officers, have been confronted with the
problem of flight path dispersion throughout the history of sounding rocket
utilization. The problem is most serious with vehicles achieving zenith
altitudes of 100 miles or more; and the evolution of vehicle design toward
higher performance, coupled with more stringent requirements for trajectory
precision imposed by the user, have aggravated the problem,

Two characteristics of the sounding rorcet contribute to high dispersion.
The most obvious of these is the ballistic flight mode; and the other is the
near-vertical flight path, which maximizes the time of flight, thus amplifying
rather small velocity errors to cause large impact point displacements,

The examination of trajectory data from a large number of Nike-Apache
firings by PSL has shown that in nearly every instance the vehicle became
essentially committed to its ultimate flight path direction by the time of
booster burnout. The study of Nike-Apache dispersion by means of flight
simulation has supported the findings from flight data. Table I shows a
breakdown of Nike-Apache dispersion estimates achieved by flight simulation,
Note that tha three largest contributors are booster thrust misalignment,

launcher-induced tip-off and uncertainties in the wind field. Note from

Figure 1, the vehicle wind.weighting cuirve, Lhat 507 of the wind effect is
incurred by booster burnout, assuming a uniform wind velocity profile as
a function of altitude., The Nike-Apache is not unique in this regard, in that

many other sounding rockets exhibit similar behavior,

#*The effort described herein is supported by U.S. Army, Redstone Arsenal
Contract #DAAG 43-67-C-0016, and by Bell Telephone Laboratories Subcontracts
#232136 and #601720. 153
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Dispersion Source

Thrust Misalignment
First Stage

Second Stage

Fin Misalignment
First Stage

Second Stage

Thrust Variation

Drag Variation

Launch
Tip-0ff Effect

Pitch

Yaw
Wind Uncertainty

Second Stage
Ignition Time
YVariation

R. §, §, Total

TABLE |
NIKE — APACHE
DISPERSION

Analysis Results

Estimated
3 o Value

0.1 deg.

0.1 deg.

0.1 deg,

0.1 deg.

12
5%

7.5 deg/sec.
7.5 deg/sec,

5 ft/sec.

2 sec,

154

Range Effect
(Naut. Mi,)

12,185
0.156

1,644

0.337

1,356

1,252

15.682

None

9.60

1,913

22,28 N, M,

Cross~Range Effect
(Naut, Mi,)

12.185

0.156

1.644
0.377

None

None

None

15.682

9.60

None

22,12 N, M,
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The potent influence of these three dispersion contributors, has been widely
recognized; and a substantial effort has been exerted continuously by many
agencies and individuals to elimipate or minimize these uncertainties, The
problem of wind uncertainty is being dealt with by the development of semi and
fully automated wind measurement and compensation computation systems to yield
more accurate and timely data. More comprehensive mathematical models of
vehicle behavior are now available for predicting the response of a vehicle to
a wind profile. Thrust misalignment is being controlled by more precision
in the manufacture of rocket motors and payload components; and its effect is
minimized by the development of adequate vehicle spin rates early in flight,
sometimes even on the launcher. The evolution of the simultanreous lug-release
finite-length launch rail has been effective in reducing launch tip-off,

All of these approaches have produced improvement, and more can be
expected, yet the best of these in aggregate have produced reductions of the order
of about 20%. When the Physical Science Laboratory was recently confronted with
a Nike-Apache mission requirement for a near-vertical trajectory achieving a
zenith altitude of the ordexr of 800K ft, and a second stage/payload impact
accuracy of 5 - 10 nautical miles radius on a 3g confidence basis, it was
concluded that some form of guidance and control was essential.

This conclusion was not made lightly, since the addition of guidance and
control to a sounding rocket poses a number of disadvantages, such as increased
cost and complexity, compromises in performance and new flight safety problems.
With these constraints in mind, a variety of approaches were studied, culmirating
in the selection of a Coast Phase Control System, hereafter referred to as the
CPCS. The other systems studied and the reasons for selection of the CPCS will
be discussed in a following section, At this point, a brief description of
the CPCS is in order,

Figure 2 shows the CPCS general arrangement, in a module located between
the head end of the M-5 booster and the aft end of the Apache second stage. The

aft end of the moduie seats in a socket forming the forward end of the interstage
156
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adapter, allowing the booster to separate by differential drag at burnout.
The forward end of the module is positively attached to the aft end of the
Apache by a threaded blast diaphragm, which shatters upon ignition of the
second stage, jettisoning the module, Aft of the blast diaphragm is the gyro
housing, mounting a three-axis free gyro set which constitutes the attitude
reference. At the center of the module are mounted four moveable rectangular
fin panels, with the hubs, support bearings, lever linkages, and feedback
potentiometers. Aft of this space there are four D-C servo motor-gear head
assemblies, mounted with the shaft axes paraliel to the venicle longitudinal
axis, each driving one moveable fin. An electronics sub-assembly consisting
of servo-amplifiers, compensation networks, and bias voltage circuits is
mounted behind the servo-motors. Located near the rear of the module is a
primary power supply, consisting of a "one-shot" high-current thermal battery
for servo motor and second-stage ignition power and a separate silver-zinc
battery supply for other module power requirements. The most rearward compart-
ment of the module contains a flight safety command receiver device and/or

a module recovery parachute,

The module functions to accomplish a coutvse correction maneuver during the
interval between booster burnout and second stage ignition, so that the vehicle
velocity vector and body axis are restored to the orientation required for the
desired nominal trajectory, as shown in Figure 3. The result is a trajectory
parallel to the intended nominal path but displaced by the dispersion accumulated
prior to and during the course correction maneuver. The source of the error
information is the attitude reference in the module, wherein the desired
vehicle attitude at second-stage ignition is preset prior to iaunch by uncaging
che gyros a few seconds prior to launch, and inserting bias voltages in the pitch
and yaw servo loops which are equivalent co the difference between the launch
attitude and the required attitude at second stage ignition., The vehicle
roll control loop is active from launch, maintaining the '"on-launcher' vehicle
roll attitude. The pitch and yaw control loops are activated after booster

separation, 159




With this intvoductory description it is now appropriate to discuss
the various details of system selection, design, operation, and performance.

DISCUSSION OF GUIDANCE PHILOSOPHY:

The application of guidance principles to reduce dispersion is implicit
in the launching of "unguided' sounding rockets. Historically, the advent of
high altitude rockets required the development of techniques to predict the
deterministic effects of perturbing influences such as wind, on trajectories,
These techniques and their applications are the elements of guidance procedures
in that they are used to adjust launchev settings to obtain desired results such
as impact at a target point.

The CPCS guidance principle is a simple extension of aiming to an in-flight
phase by means of an attitude control system., After activation, this system acts
as a nulling device to force rocket attitude to a preset value, thereby removing
the directional dispersion accrued prior to activation. The system can also
be used to '"shape" the trajectory.

It should be noted that there is no on-board guidance function. The
guidance function is a procedure applied, like those which adjust launcher
settings, prior to the fact of firing, in order to establish what conditions

the control system is to achieve.

Choice of the Control Phase

A normal Nike Apache flight consists of four or five phases:
1. Nike Boost (0 - 3.3 sec.).

2. Apache Pre-ignition Coast (3.3 - 23 sec.).

3. Apache Burn (23 - 29.4 sec.).

4, Apache Coast (29.4 sec. - ).

5. Afterbody Coast (payload separation).

160
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Control could be implemented in any phase or combination of phases of the
upleg trajectory. However, the intent is to utilize attitude control to
produce alterations of the flight path, which requires the existence or
generation of appreciable reactive force during the control phase., Thus,
attitude control after phase 3 will not have much effect on the trajectory
itsei., Control in a combination of phases generally requires a more
complex control system than a single pha