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1.0 SUMMARY

This volume describes the design layout studies performed by the Hiller
Aircraft Company Design Depertment during the preliminary design of a
tip turbojet rotor system applicable to a helicopter of 60,000 pounds
to 80,000 pounds gross welght. The basic rotor system geometry for
which these studies were performed was established by means of a param-
etric design study, as described in Reference 9.

Design investigations were directed primarily towards the components
above the attachment of the rotor system to the airframe. These in-
cluded rotor hub and blade retention configuration, rotor blade struc-
tural arrangement, power plant installation, flight controls, and air-
frame/rotor mounted fuel, lubrication, electrical, engine starting, and
pover management systems. Consideration was also given to tail rotor
and accessories drive systems.

These design studies and associated stress and weight analyses have
established the practicability of the design and fabrication of the

tip turbojet rotor system, as well as providing verification for the
systems' weights established by the parametric design study weight
equations. Development of a tip turbojet helicopter of 60,000 pounds

to 80,000 pounds gross weight has been found to be well within the state
of the art of all technologies associated with the design and fabrication
of an aircraft of this type.
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2.0 CONCLUSIONS

2.1 Development of a tip turbojet helicopter of 60,000 to 80,000 pounds
gro8s weight is concluded to be well within the state of the art of all
technologies associated with the design and fabrication of an aircraft
of this type.

2.2 A rotor system can be designed for this helicopter which provides
freedom from ground resonance and flutter, and whose weight is approxi-
mately the allowable weight established in the parametric study.

2.) The rotor blade design requirements are established by in-plane and
flapvise stiffness requirements, and not by centrifugal restraint of the
tip mass.

2.4 A1l components of the rotor system can be manufactured by conven-
tional techniques.

2.5 Extensive use of titanium alloys in the rotor blades, hub, and mast
would yield the required structure at minimum weight, and simultaneously
provide excellent fatigue properties and corrosion resistance.

2.6 A gimbal-mounted rotor is the most advantageous for this application.

2.7 A hollov rotor mast can be designed which is dynamically compatible
with the rest of the rotor system, which transfers the appiicable loads,
and wvhich permits the transfer of system fluids and electrical power from
the fuselage to the rotor blades.

2,8 Primary and secondary power sources for tail rotor, electrical,
hydraulic, and accessory requirements cen be achieved for minimum weight
by the use of an auxiliary power unit and a small, mast-driven gearbox.

2.9 Conventional flight controls, using hydraulic boost cylinders, can
be employed for this heavy lift tip powered rotor systen.

2.10 It is practical and preferable to store all fluids and to originate
all electrical power in the fuselage, and to transfer these to the rotor
mast and rotor blades by & system of rotating manifolds, swivels, and
slip rings.

2.11 An over-under engine configuration in preference to a side-by-side
configuration results in lower engine installation weight and reduced
complexity.

2.12, The mounting of turbojet engines and nacelles at the rotor tips
and the design of all engine syotems relating to the installation are
straightfervard and pose no insuriountable problems.



2.13 The power management system study concludes that the system should
be optionally manual or automatic and should provide fail-safe and back-
up features for all its functions.

2.14 All aspects of the electrical system, including rotor tip located
components, are within the present-day state of the art.
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3.0 DESIGN STUDIES

The establishment of the optimum tip turbojet rutor system applicable to
a helicopter of 60,000 to 80,000 pounds gross weight entails the careful
blending of aerodynamic, structural, and mechanical characteristics.
Hence, design layout studies were initiated simultaneously with param-
etric and dynamics analyses to assure adequate consideration of all im-
portant factors.

The preliminary design of a helicopter rotor system is concerned with

the establishment of the basic rotor geometry including rotor diameter,
number of blades, chord length, blade structural arrangement, blade to
hudb retention, rotor hud to shaft mounting, and method of obtaining rotor
control.

In addition, in the case of a tip turbojet rotor, consideration must be
given to the mounting of power plants at the rotor blade tips, with spe-
cial attention to environmental conditions such as cycling and fluctuat-
ing gyroscopic moments, centrifugal loads, air flows, and the transfer of
pover plant systems from the fuselage to the blade tips.

The design and layout studies program was begun with the basic philosophy
that all rotating components (the rotor, rotor mast structure, pover
plant systems' components, and control components) would be designed as
flight hardware. This assures that the critical components will receive
extensive whirl testing prior to the flight testing. The resultant mini-
mum redesign for flight provides very significant savings in overall pro-
gram cost and development time.

A program of periodic design reviews was conducted during the study to
assure that the basic design criteria of functionability and reliability
be met and that maintainability, manufacturability, low cost, and low
weight be most effectively balanced. These reviews served also to as-
sure coordination of the various design interfaces.

A preliminary aircraft configuration study was made to evaluate the
relationship of the complete rotor system to the aircraft. This was
recessary to determine the significance of rotor mast height, to estab-
lish optimum positioning of the various systems, and to provide a rotor
system that will be compatible with the ultimate flight vehicle.

Three primary areas were studied: namely, rotor systems, power plant
systems, and electrical systems. These extensive design studies treat
all the important factors involved in the success.ul application of tip
turbojet propulsion to helic-pters. Design and optimization of the var-
ious systems were conducted, as described in the succeeding paragrephs
of this report.



3.1 Rotor System

The determination of the optimum rotor system required careful consider-
ation of all currently sucresrsful rotor systems, {n terms of their
app..icability to the unique conditions and requ.rements of a rotor-tip-
povered helicopter. The resultant configurations of hub, rotor blade,
and rotor mast so derived constitute an optimization with respect to the
characteristics of functional performance, reliability, weight, cost,
and maintainability. The rotor cystem assembly is shown in Figure 1,

3.1.1 Hub Assembly

The several types of rotor hubs considered, and their applicability to
this installation, were:

a) Rigid Rotor. Theoretically, the'rigid rotor hub is the simplest
mechanical arrangement; however, it is not considered a thoroughly
proven cystem since investigations as to its structural integrity
in extreme maneuvers i{s incomplete (Reference 19). Further, its
theoretical simplicity is complicated by the necessity for the
addition of an {solation system to preclude mast motion effects
on control inputs.

b) Articulated Rotor. Full or partially articulated rotor arrange-
ments were eliminated from consideration on ceveral bases:

1) The inherent low flapwise stiffness in the fully articuleted
rotor required heavy droop stops.

2) 1In the event of an engine failure, the reduced lag restraint
of the fully articulated system would cause a shift of the
center of gravity of the rotating system, resulting in a
vibratory condition of unknown magnitude.

3) Undesirabie ground resonance characteristics.
4) Relatively complicated hinged retention systems are involved.

¢) Teetering Rotor. This type is applicable only to a two-blade hub;
and since the stability and control analysis had indicated that a
minimum of three blades was required, this type of hud vas eliminated.

d) Gimbal or Universally Mounted Rotor. This type of hub incorporates
some details which tend to diminish the number of unknowns and is
backed by a substantisl amount of supporting data. The addition of
an elastic restraint in combination with the gimbal mounting of the
hudb produces an arrangement that combines most of the features de-
sired for satisfactory control and low vibration and stress levels,
at an acceptable weight.



On the basis of the foregoing considerations, and {n the interest of
economy associated with reduced developmental risk, it was decided to
concentrate design effort in the gimbal-mounted rotor. A constant
velocity universal joint was also studied for this application, but
because of its inherent complexity and greater weight was discarded
in favor of the simple, conventional gimbal ring.

The preliminary design of the rotor hub is presented in Figure 2. The
hub gimbal point is vertically located at the blade centers of gravity,
7.5 inches above the axis of blade intersections. This location should
provide minimum vibratory loads, but it presents some construction com-
plications, since it lies in the same plane as the upper hub retention
plate. In addition, removal of gimbal bearings for maintenance requires
a single sequence of disassembly. During detail design of the rotor,
consideration will be given to locating the gimbal point closer to the
blade intersection axis for ease of assembly and maintenance.

Tests on Hiller's small UH-12L series helicopter indicated negligible
change of vibratory levels when the teetering point was displaced eccen-
trically a small distance from the blade mass center of gravity. The
gimbal ring shown in Figure 2 is a relatively simple forging. However,
for the aircraft design phase, the t./in bearing lugs will be placed on
the gimbal ring and the single mating lug will be on the mast and/or hub.
This will simplify the mast forging and the rotor hub ring.

3.1.2 BRotor Blade Assembly

3.1.2.1 Blade Retention

The high centrifugal forces generated by the large rotor blades and the
tip-mounted engine installations result in a requirement for very large
thrust bearings in the retention system and cause control loads of high
magnitude. However, these problems are alleviated by the use of a
system involving a tension-torsion link and radially loaded bearings.
Several blade retention concepts were studied in order to select the
most advantageous system.

The layout studies indicated that the different types of hub and root
retention systems analyzed presented some difficulties which could be
traced to the size and mode of fixity required. The in-plane stiffness
required was found to be several times higher than the flapwise stiff-
ness, indicating that for weight minimization the distribution of ma-
terial should not be uniform about the feathering ax!s.

The types of retention arrangements studi{ed and the significant charac-
teristics of each are as follows:



c)

d)

e)

Internal Strap (Figure 3)

This configuration consists of a cylindrical section hub with four
hollow, cylindrical spindles radiating from the center. Two span-
wise-located roller-type pitch bearings roll on the spindle and

are mounted in a larger cylindrical trunnion attached to the rotor
blade. A tension-torsion strap package of either flat sheet metal
laminations or a continuous wrap of urethane-coated wire is attached
to both the hub and the blade on the centerline of the spindle.

This strap arrangement transfers the centrifugal force into the
rotor hub, and the roller bearings take only radial loads.

Modified Internal Strap (Figure 3)

A modified version of the previous configuration uses the trunnion
as a transition section between the blade airfoil and the cylindri-
cal shape, over a larger inboard pitch bearing. This is done to
avoid a drop of the stiffness curve section properties between the
hub spindle and the trunnion inboard end. The spindle is of suffi-
cient size to meet the stiffness requirement, and the large pitch
bearing in the large trunnion end increases the stiffrness above

the required amount.

External Strap (Figure 3)

The external strap retention method employs the same spindle-
trunnion combination as the internal strap arrangement except that
the two tension-torsion strap peckages are located externally in
the chord plane, one on each side of the trunnion.

Laminated Bearings (Figure &)

In this configuration, the hub consists of a hollow cylindrical
section with integral hollow cylindrical spindles radiating from
the center. A complete depsrture from conventional rotor retention
was investigated with radial and thrust bearings made from lamina-
tions of thin metal and thin rubber sheets bonded together. These
replace the roller bearings and the tension-torsion strap packages
and would not require lubrication.

Flexural Hinge (Figure 4)

This arrangement is another departure from any conventional con-
figuration. It consists of four diagonally opposed tension-torsion
strap packages attached to a cylindrical hub. These straps angle
outboard toward an apex centered !n the blade retention spindle.
The spindle is held in the hub by a spherical bearing and is
located midway between the straps at the hub end. The hub con-
sists of a hollow cylindrical section with the strap attachment
lugs machined as integral parts. This hub is longer and heavier
than the other blade retention systems due to the widely displaced

strap attachments.




f) Stub Blade Retention System (Figure 4)

The studies of the foregoing configurations led to the conception
of a retention system which provides high chordwise stiffness
vhile maintaining adequate flapwise stiffness at minimum weight.
This system, called the Stub Blade Retention System, is superior
to the other systems considered from the standpoints of weight,
manufacturing feasibility, cost, flexibility of design, growth
potention, and relative aerodynamic cleanliness. It is described
in the following paragraphs.

The centrifugal forces acting upon a blade are reacted by a tension-
torsion strap located concentric with the feathering axis. Since it is
desired to keep the feathering moments and the mass balance to a minimum,
the location of the feathering axis {s placed as near as possible to the
blade aerodynamic center axis. In this case, it is at the 25.percent.
chord location.

The installation of a tension-torsion strap concentric with the feather-
ing axis governs the size of the bore of the radially loaded bearings,
vhich are sized to provide clearance for operation and removal of the
strap. In order to provide space for the installation of the bearings,
the bearing supports, and the tension-torsion element, a cutout was in-
corporated at the inboard front end of the blade, the remaining struc-
ture offering sufficient geometry for an efficient beef-up to dbring the
chordwise and flapwise section properties to the desired values.

The attachment of the rotor blade to the hub is made through a complemen-
tary structural element which is a component of the hub system, and which
is named a stub blade because of {ts general shape. For purposes of its
analysis, the studb blade and the inboard extreme of the rotor blade are
treated as components of the blade retention system (see Figure 5).

Once the general concept was estublished, the dynamic studies produced
data that allowed the proportioning of the retention elements to give
minimum weight. Some critical considerations, such as the stiffness
or spring rate of the bearings and bearing supports, will need experi-
mental substantiation before optimization of the retention system geo-
metry.

3.1.2.2 Blade Design

The design of very large rotor blades involves problems that require

nev approaches to their solutions. Preliminary investigations showed
that large size effects preclude the arbitrary use of a scaled-up ver-
sion of an existing tlade without a prohibitive weight penalty. Good



design required that the major parameters of the blade system be so
established as to provide a maximum of flexibility in the design of
specific blade components. From the standpoint of producibility, the
manufacture of rotor blades of large size presented particular problems
due to the limitations and capacity of existing fabricating equipment.
This necessitated that the detail design of parts be such that the final
configuration of the whole assembly would result in a minimum of practi-
cal compromises., For example, by properly selecting the fabrication
techniques a reduced number of splices could be obtained, thus decreas-
ing the number of fatigue problem areas. This is an important factor
vhen the magnitude of loads and stiffness is considered, since the local
beef-ups at the splices can add considerable weight. The foregoing are
among the factors which must be considered when idealized structures are
used as a basis for comparison, in order to make decisions based on
feasible configurations.

3.1.2.2.1 Blade Structure Design

The classical worke of structural weight estimation and optimization
(References 6,13, 14, and 17) analyze some theoretical and empirical
approximations to the laws governing weight as a function of strength.
While the structural stability factor can be considered {n a substan-
tially rational manner, the complexity of the flutter factors prevents
anything but a rough approximation. When such studies are modified in an
attempt to incorporate other variables, such as specific vibratory re-
sponse modes, the problem ceases to be manageable in regard to the deri-
vation of an analytical tool for design approach purposes.

In view of the large number of variables and the lack of knowledge of
the relative importance of these on the we.ght picture, a process of
iteration, starting from simplified assumptions, was applied in this
program {n order to define the preliminary requirements of the most
significant blade parameters. For the first exploratory study in the
iteration process, values wvere based on the proposed blade geometry and
dimensions previously considered in Reference 16, These were subjected
to an investigation to determine the feasibility of the proposed con-
figuration. Because the mass of the engine installation could be lumped
into a concentrated unit and its weight was known with some degree of
accuracy, the rotor spar caps, webs, and skins were the only components
varied in the i{terative process. Assuming different blade tip wveight to
blade weight ratios for a given tip speed, it was possible to find some
atiffn;aa parameters which defined the blade section properties (Refer-
ence 9).

It wvas readily apparent that a constant blade chord would simplify the
installation of the tip mounted engines by allowing the use of the maxi-
mum available chord, and corresponding airfoil depth. This results in



lover weight of engine mount structure and the associated retention
structure in the blade, which in turn results in a lower required weight

of rotor blade structure. The comparatively small increase in aerody-
namic efficiency of a tapered blade is not considered sufficient to
offset these weight adventages.

Bince the stiffress required is a function of the mass and its distribu.
tion, a first analysis was made taking the blade tip as a starting point.
The net cross-sectional area required to resist the centrifugal loads
vas computed for several blade stations. Stiffness checks were made,
and, after making allowances for practical thicknesses, a rough mass
distribution plot was made. Natural frequencies were checked and some
cross sections were modified. This process was repeated until further
changes did not show significant weight savings. At each stage, the
location of the center of gravity of the blade section was determined
to insure its falling as close to thc 25-percent-chord point (blade
feathering axis) as possible. Alternate materials, 301 stainleess steel
and T1-8A1-1Mo-1V titanium alloy, were considered.

At the time these studies wvere made, the flutter analysis results vere
not known, and the bases for torsional stiffness criterie were the ones
d2scribed in Reference 2. The skin thicknesses used were consequently
the ones that assured flutter-free operation throughout the complete
feathering range spectrum. The degree of conservatism is not well known,
but indications are that this choice of relati{veiy thick skine might
lead to a relaxation of the final location of the blade section center
of gravity from the standpoint of flutter considerations, thus leaving
the final chordvise mass unaltered.

A basic NACA 0015 airfoil was used for all section properties analyzed.
8ince the maximum section thickness hss the most profound effect on
flapvise frequencies, it is felt that moderate airfoll shape changes

can be made without affecting the weight figures to any important degree,
as long as the airfoil thickness is maintained at a value of 15 percent
of the chord length. 1In considering the design of the btlade leading edge,
any sharpening of the leading edge would {ncrease the difficulty of hous-
ing the plumbing of the engine services, which would rorce the nose spar
to be shifted aft, resulting in en undesirabie weight penalty.

For ell configurations studied, the leading edge wus assumed to be struc-
turally inactive. This was done because of the simplification involved
in routing fuel, oil, and electrical systems through the airfoil nose.
The need for easy access to these systems precludes the use of full-

span structural panels without undue compli{cations. This consideration,
in addition to the consideration of ease of damage repalir, favors the use
of short segments of leading edge skins. The leading edge covers, because
of their thickness, will provide a good support for any doubler material
to be used as mass balance counterweights, if needed. Any required

10



ad justment can be made w!th cace Ly removing two (lnes of fasteners
holding the cover plutes to the muin ctructure and adding or removing
doublers to tne {ncside surface,

The conflgurations stud!{ed included two types of trailing edge structure.
One type included sn aft structural box extending from root to tip, con-
nected with the main forward box beam. The other type was a combination
of a forward box spar with a removable segmented trailing edge made up
Oof rectangular segments interrupted {n the spanwise direction.

For the purpose of th!s study, btoth blade designs were considered exten-
sively. One type is identified as the "fuily effective blade,” its
structure extending from the ¢.percent-to !0C-percent-chord location.
The other type i{s ident!{fied as the "partially effective blade,” having
an active structure extending from the {.percent- to 50-.percent-chord
location. These two types are worthy of complete discussion, in view
of their effects upon the blade structural configuration and weight,

and are treated in the paragraphs which follow.

Figures € and ' show weight compurisonc for the fully effective and
partiully effective blade decigns as a function of chord length for two
values of rotor radius and stiffness and !{or both steel and titenium.
These figures show that for e!ther type of tlade, the weight decreases
as chord !ncreases {n the range of five- to c¢ight-foot-chord lengths.
Thie holds true for e!ther cteel or titanium, und for either a S€-foot
rotor radius or e €,-foot rotor radius. Seiection of the fully effec-
tive blade was made on the follow!ing tases:

a) Its welght !: approximately equal to that of the partially effec-
tive blede.

b) The partially effective blade weight would grow due to local beef-up
required at the root end tip.

The basic structure of the partially effect!ve blade can'be described as
a two-spar box beam. A forward "I" section spar with a massive wed is
located at 5 percent of the chord; a second "1" section spar is located
at 50 percent of the chord; a top and a tottom skin connecting forward
and aft spar caps complete the structural box beam cross section. Some
suitably located light fremes transfer the alr loads to the spars and
also stabilize the skin and hold the blade contour. Two closing r.-s,
one at the inboard end and one at the tip, complete the basic blade box

bean.

Study of this design approach indicated that the front spar, being rela-
tively shallow, required quite a massive wedb to help build up the re-
quired cross-sectional area.

11



In the fully effective blade design, as shown in Figures 5, 8, and 9,
the primary structure is based on tﬁe two-cell-box, two-spar-beam con-

cept. A third cell at the leading edge is made nonstructural, as noted
previously, and completes the airfoil cross section. The two structural
cells have a common web at the 50-percent-chord location, which was se-
lected by the previously noted iterative optimization study involving
stiffness, strength, and load path analysis. The location of the front
spar wvas established based upon the need for ready access to electrical,
fuel, and oil lines, which were located at the leading edge to alleviate
blade balancing requirements.

The front structural cell, extending from the 5-percent-chord point to
the 50-percent-chord point, constitutes the primary structure of the
rotor blade, to which the root retention and engine mount loads are ap-
plied. It consists of a channel-shape member including upper and lower
skins and aft spar web, formed as a unit and attached to the front spar
to form the perimeter of the cell. The wall thickness of this form
changes by gradual taper from the blade root to the cip. This can be
accomplished without the use of transverse joints if the member is made
by the roll-shear method, or with some joints if made by welding, bonding,
or a combination of the two. Tapering in the jointed version would be
accomplished by chem-milling, leaving buildups where the joints are made.
Local doublers at the root and tip are added by bonding and mechanical
fasteners if needed. Attachment of the beef-up material by ultrasonic
welding or by electron beam welding out-of-vacuum are possibilities that
have not been explored thoroughly and wili deserve further consideration.

The trailing edge cell constitutes the second component of the primary
structure. 1Its cross section appears as a hollow wedge formed by top
and bottom honeycomb skin panels. The cover system is composed of flat
skin panels made bty bonding a titanium outer tacing and an aluminum
alloy inner facing with an alum!nur. nonpermeuted froneycomb core which
extends to the cdge: of the racing. e edgee 2an Le fliled with resin
or covered to prevent expoture 0! “he core to the environment. This
wedge-chaped box {c attached to tle torward cell Ly extensions of {ts
honeycomb skin panels whiclhi overiap a Joggled nrea of the front cell
skins. The main structural function of *:e¢ ntt cell 1s {ts contribution
to the in-plane and torsional stifines. o! the blande. A concentration
of cap material at the tralling cdyge eftectively udds to the chordwise
properties, and also serves as a cover piute for ciosure of the aft

edge of the cell.

The structure formed by the front and aft cells {s closed at the ends
by bulkheads; enother bulkhead {s located at the change of section in
the blade retention area. A serles of ribs at bvoth the front and aft
cells transfers the air loeds, maintains the contour of the airfoil, and
stabilizes the skin. Skin beef-up, described previously, together with
added material at the spar caps at the blade ends, provides a load dif-
fusion path for the blade retention and engine pickup loads.
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Design of the blade root structure, Figure ), provides for omission of a
portion of the forward section of the root and the addition of & second.
ary spar to accomnodate the blade retention system. The secondary spar
closes the face of the remu:ning structure. This additional spar, to-
gether with some trailing edge skin beef-up and doublers, provides the
required strength and stiffness. The inboard end of the blede contains
a hinge bearing support fitting which also incorporates a control rod
attachment fitting. This acvsembly is attached to a trailing edge clos-
ing rib. The second bearing fitting of the bvlade retention system is
attached to the intermedlate closing rib {nstalled at the section vhere
the blade extends in full to the leading edge. Axial restraint of the
blade is accomplished by a pin which ties a tension-torsion strap ele-
ment from the hub to the blade through fittings attached to the blade
skin and spars.

Accommodations for engine retention are provided at the rotor tip, as
shown in Figure 8. One set of fittings is attached to an extension of
the blade uskin end doublers and distridbutes the main engine loads from
the forwvard engine mount to the spars. The aft engine mount support
fitting, likewise attached to the skin and doublers, is immediately
adjacent to the spar vhich {s located at the 50-percent-chord point.

3:2.2.5 Manufacturing Considerations

During the process of optimization of the blade structure, manufacturing
and operational considerations determined some limits. Fabrication based
on shapes extruded from steel and titanium alloys vas considered to be o
feasible means of manufacture, although some producers cannot handle
sizes as large as required; even so, splicing by wvelding and/or bonding
is an entirely acceptable means of creating parte of the required propor-
tions.

In order to minimize fatigue problems, the process of bonding parts to-
gether is a cardinal part of the design philosophy concerning Jjoints.
While there is abundant experience on bonding moderately sized parts,
certain contoured snd heavy sections must be investigated to assure
that their bonding will meet strength requirements. Solutions involv.
ing a combination of mechanical fasteners and bonding vith definadble
fail-safe margins is also a possidility that has been contemplated.
Among the Joining techniques to wvhich some attention has been directed,
electron beam welding (both inside and outside a vacuum chamber), and
ultrasonic welding are likely to be applicable. It i{s considered that
for some techniques, 41f the advantages warrant, justification by testing
vill be sought.

The shape of the main structural cell of the blade needs careful study
because of {ts large size. Consideration has been given to the process



of working & billet into a tapered wall tubular form by using a technique
of shaping a rotating workpiece by a combination of rolling and shearing
action. A secondary operation would modify the circular cross section
into the reqiired airfoil contour, including some details such as
longitudinal joggles and steps, necessary to provide flush overlapping
Joints with the remaining components of the structure. Depending on

the final size of the basic structural box beam, either a single tube

or a side-by-side accumulation of properly shaped elements may be used.
The desired amount of twisting of the resulting tubular shape will be
performed before or during subassembly in the master jig, depending

on vhether the components are closed or open shapes.

The blade structure presents areas wvhere some subassembly operations
include bonding. It is not desirable to devise an assembly sequence
with more than two or three additional curing cycles, since to do so
would degrade the strength of the previously bonded subassemblies.
Careful planning in the design of details will assure the desired high
degree Jf structural efficiency. The use of the autoclave curing clamber
and/c: localized heat and pressure systems are approaches which will be
investigated.

The structural concept shown in Figures 5, 8, and 9, is based upon a
tubular shaped element whose front face has been removed to allow
assembling the internal details. . This also allows the attaching of
the front spar to the doublers and skin by simple overlapping.

3.1.2.4 Choice of Basic Structural Material

After the process of blade cptimization was completed, enough data and
results had been accumulated to permit drawing some important conclusions
regarding materials of construction. The configurations on which tne
study vas based are felt to reflect representative types of designs
resulting from the process of synthesis starting from specifications

and feasibility considerations. Material selection played an important
part in this study, with both steel and titanium in the alloyed forms
being considered to the fullest extent. The use of aluminum was restricted
to honeycomb core applications and internal facings of honeycomb panels.
The reason for this is the low fatigue strength-to-we.ght ratio of
aluminum in comparison with high strength steel and titanium. An equa-
tion derived in the performance parametric study (Reference 9 ) indi-
cates that a pound of weight added at a station in the area of the

engine installation center line, would require an additional 1.2 pounds
of blade structural support, making a total increment of 2.2 pounds

for the rotor blade basic weight. While this structural weight penalty
will reduce in magnitude when considering sections closer to the rotor
center of rotation than the rotor tip, it emphasizes the value of weight
saving in the rotor blade.
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Comparfson of structural materiule ndicated which ones would result (n
a minimum we.ght ctructure (Figures 10 and 11). The selection is based
primarily on stitfnese nnd futigue properties. Halt-hard 301 stainless
steel and 71-ZAl1-1-Mo-1V duplex annealed titanium alloy properties were
considered in the deslgn studles. While the cost of titanium is higher
than steel, it was felt that, on the basis of welght saved and fatigue
life advantage, the titunium alloy could prove to be the ideal material
for the rotor blade.

There is a wide acceptanse of titanium as major component materiel for
high performance slrcraft. The state of the art at present is such that
the manufacturing of titanlum parts requires routine-type procedures
which are well known and proven. Many research and development studies
and some proJjects (including the North American B-70 supersonic trans-
port and F-100, Lockheed A-11, McDonnell Phantom II, Northrop F5B,
Northrop Boundary Layer Control aircraft, Boeing, Convalr and Douglas
Jet trancports, snd several engines and missiless give support to the
use of t!itaniun n¢ s reliable means of suving weight (Reference 20).

In some instances, direct subctitution of titanium alloy for high-
strength steel wac possiltle, with consequent weight saving.

3.1.3 Rotor Muct Acsembly

In addition to its conventional function, the rotor mast of this heli-
copter is required to act &s a transfer device for electrical and engine
fluid systems, and to drive an accessory gearbox. The mast assembly is
shown in Figure 1.

3.1.3.1 Mast Tube
This tube was designed with several basic functional considerations:

e8) It must allow all the power plant servicing lines to be carried
internally.

b) It must carry all the 1ifting and bending loads of the rotor.

c) The tube must be of sufficient stiffness so that it will not
resonate with tiir major frequencies of the mein rotor.

d) It must have sufficient torque capacity to drive a gearbox for
basic flight accessories.

e) It must edequately transfer blade control loads and carry the
rotor spring restraint loads.

In addition to the above requirements, minimum weight, reasonable ease
of fabrication, ease of assembly or disassembly, and reasonsble cost
were given strong consideration.
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Initially, a mast diameter was selected to provide sufticient room for
passage of engine starting and servicing lines. Then, an arbitrary min-
imum wall thickness was selected to give a diameter to thickness ratio
of about €0. The bending modulus of rupture for this ratio is approxi-
mately the same as the ultimate tensile strength. This tube was then
checked for the maximum 1lifting and bending loads equivalent to a 2.5¢g
flight lond factor and a ten-degree tilt of the rotor plane. This analy-
sis was followed by a check of the natural circular frequency of this
shaft, which 1s dependent on the tube section properties, tube materisl,
support point locations, and the location and weight of the rotor. The
natural circular frequency was foun:. satisfactory. The tube was then
evaluated for torque, control elemert, and rotor restraint loads. The
design evolved into an upset forging, titanium alloy tube of 15-inch
outside diameter and 0.25-inch wall thickness.

3.1.3.2 Rotor Mast Mounts

The rotor mast is supported by two sets of bearings, as shown in Figure
l. Two supporting systems are considered hert-: owne is the rigid system
for the whirl stand, which has been shown by a dynamic analysis to be
satisfactory; the other is the snubbing or elastomeric system for the
flying aircraft. Basically, the upper bearings are designed to react
radial loads, or loads normal to the mast. The lower set of bearings
react the lifting thrust loade, downward rotor weight loads, and the
radial loads. The upper bearing is a double row tapered roller bearing
designed for an elastomeric strut system. A self-aligning bearing will
replace this bearing in the whirl stand rigid system. The lower bear-
ings are gimbal-mounted, in both systems; however, the gimbal is not
required in the rigld system.

3.1.3.3 Tail Rotor and Accessory Drive

In conventional helicopter practice, the tail rotor and vital accessor-
les are driven directly by the main rotor so that their continued power
supply during autorotation is assured. Accessories of a less critical
nature which are required only during normal tlight are driven by the
engine.

In the tip turbojet-powered helicopter, the tail rotor and vital acces-
sories can be powered by a gearing system driven from the main rotor
mast, so that the autorotational requirements cen be met. However, the
nominal speed requirements of the accessories is €,000 r.p.m.; the speed
requirement of the tail rotor drive shaft is 2,700 r.p.m.; and the speed
of the main rotor shaft is 110 r.p.m. The large difference in speed be-
tween the rotor mast and the driven components results in a large torque
multiplication at the rotor mast to drive the components. This estab-
lishes a trend toward a large, heavy gearbox; hence, it was desirable

in <¢his program to investigate minimizing the power taken from the main
rotor and thus minimize this gearbox size.



Several arrangements were considered involving the use of an auxiliary
pover unit in conjunction with a mast-driven gearbox. The aval{letil!ty
of an appropriate sauxi{liary power unit /APU) was establ!shed. Comperison
was made on the bas!{s of weight, system efficiency, and gearbox complex-
ity. The criterion was thet the aircreft be capable of safe autorotation
under any single condition of hydraulic system, fuel system, or auxiliary
pover unit failure. In addition, the requirement was established that
the pilot have the option of completing his mission with reduced direc-
tional control.

The arrangements considered were:

a) Tail rotor and all accessories driven by gearbox from the main
rotor mast for all flight conditions. No auxiliary power unit.

b) Tail rotor and minimum accessories to support sutorotation driven
by gearbox from the main rotor mast for all flight conditions.
Primary accessories driven by auxiliary power unit.

c) Tail rotor driven by gearbox from the main rotor mast only during
autorotation. Minimum accessories to support sutorotation driven
by gearbox from the main rotor mast for all flight conditions.
Primary tail rotor and accessory drive by auxiliary power unit.

Case a) results in the heaviest drive system, since all accessories and
the tail rotor are driven by the mast, requiring a large and heavy gear-
box. Case b) is also a heevy system in that the APU system weight is
added, although the main gearbox weight is only moderately reduced.

Case c) results in the lightest and most efficient arrangement. In this
case, the tall rotor and the major portion of the accessories are driven
by a single APU. The weight of the APU is offset by the mast gearbox
weight saving, since in cese c¢), the gearbox needs supply only about one-
third as much teil rotor and accessory power; hence, the gearbox slze is
greatly reduced relative to case a). Although this study was not rigor-
ously pursued in deteil, the weight trends were clear. Further, the use-
fulness of the auxiliary power unit to provide engine starting air and
ground power were considered as strong favorable factors in its behalf.

The main rotor mast accessory gearbox is fuselage-mounted end driven
from the bottom of the rotor mast through a flexible coupling. A tail
rotor drive shaft off the accessory gearbox connects with the APU-driven
tail rotor drive shaft through an overrunning clutch and will provide
tail rotor power in case of APU failure.

3.1.3.4 Transfer System

As shown herein, the source of all engine fluid systems and of the air-
craft's electrical system is in the fuselage. The fluids end electri-
cal energy are then transferred from the stationary fuselage.into the



rotating rotor mast by the transfer system. Inside the mast, the systems
are led to the top, rthen out the rotor blades to the engines. The trans-
fer system assembly is shown in Figure 2.

The basic design concepts involved in the transfer of the various systems
from stationary supply sources into the rotating rotor mast dictate that
this transfer be accomplished with a minimum of pressure loss or leakage
or, in the case of the electrical system, minimum insulation or arcing.
For all systems, the efficiency and quality of the transfer are enhanced
if the mast surface speed at the point of transfer is kept as low as
possible. For this reason, the mast diameter is reduced in steps near
the bottom of the mast, and each system transfer occurs at a different
step.

Since the oil replenishment system involves a single, very small line,

it {s transferred into the bottom center of the mast. The electrical
slip ring assembly is assigned the preferred transfer location, the mini-
mum diameter step at the bottom of the mast. Next above is the fuel
transfer step, and then the starting air transfer step. Appropriate
isolation will be provided between the fuel transfer system and the slip
ring assembly.

Lines from the various chambers at the bottom go up through the mast
into the distribution manifolds attached to the top of the shaft and out
into the blades. At the top of the mast there is no sealing problem,
since the rotor turns with the mast. The distribution chambers at the
top of the rotor mast are stacked together in the same manner as at the
bottom of the mast. The first distribution chamber above the top of
the mast proper is the engine starting air distribution chamber. This
{s followed by the electrical wiring which emerges between the air
chamber and the first fuel distribution manifold.

Fuel gate valves are attached to the fuel manifold chambers between the
manifold and the fuel lines to the blades. A second fuel distribution
manifold is mounted above the first distribution manifold with another
fuel gate valve between the two manifolds. The two manifolds and sep-
arate fuel supply lines provide dual fuel system reliability, as shown
in the fuel system description. The remaining line is the oil replen-
ishing system line which goes up through the middle of all the manifolds
into its distribution manifold at the top. Consideration was given to
saving space and weight by combining the rotary joints and the distri-
butors and mounting them on the upper part of the mast below the con-
trols; however, this arrangement was not satisfactory from a service and
maintenance viewpoint, since rotor mast removal would be required for

maintenance.

3.1.4 Flight Controls

A conventional, hydraulically operated- flight control system has been
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selected, Figures 13 and 14. This consists of the usual swashplate
actuated by three dual hydreulic boost cylinders. Two of the dual

cylinders will actuate longitudinal cyclic control, one dual cylinder
vill actuate lateral cyclic control, and all three cylinders will actu-
ate collective control. A dual hydraulic system is provided for relia-
bility. The upper push rods from the swvashplate actuate the rotor blades
indireetly through walking beams and links. An intermediate stage of
collar-supported isolation arms was necessary to prevent the tilting hud
motions from feeding back and uffecting the original input rod motions.

Brief studies were made to investigate placing the control rods within
the mast, but the maintenance aspects of controls and the exterior mount-
ing of fuel, air and oil transfer systems, with consequent greater seal-
ing problems, ruled out this possibility. The aircraft controls from
the cockpit to the dual hydraulic cylinders are planncd as conventional
push-pull rod systems with possible built.in artificial feel springs and
a stability augmentation system.

The stability and control stulies, Reference 10, indicates that a spring
restraint system is highly aesirable to improve control resyonse. This
is incorporated at each blade root with a spring (compression or tension)
type strut, Figure 1. The spring axis is arranged normal to the radial
line from the flepping axis so that e minimum weight spring assemdbly is
obtained.

3.1.5 Hydraulic System

Two separate 5,000-p.s.i. hydraulic systems have been designed to obtain
the reliability needed for the flight control system. One system is
powered from the main rotor, and the other system is driven from the
auxiliary power unit. These systems will also have sufficient capacity
to operate landing gear retraction, wheel braking, and cargo hoist sys-
tems if required.

The selection of a 3,000-p.s.i. operating pressure is designed to give a
minimum weight system consistent with good reliability. The fluid to be
utilized is MIL-H-5606. Protective shielding against fire is planned
for the hydraulic pump and system which is powered by the auxiliary
povwer unit. The component parts, pumps, reservoirs, filters, relief
valves, and check valves will be selected from flight-proven items used
on present commercial and military aircraft. Provisions are planned for
external outlet for ground checkout. The basic schematic for this sys-
tem is shown in Figure 1.
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3.2 Power Plunt Installation

3.2.1 Introduction

This section of the Design and Layout Studies describes the design evolu-
tion of the power plant systems and installation {n order that they meet
the requirements of the tip turbine-powered helicopter. The following
vere investigated:

a) Engine location with respect to rotor blade chord, angle of engine
centerline with respect to rotor centerline and with respect to
rotor plane, and orientation of multiple tip engines.

b) Engine mounting configuration.

¢) Nacelle configuration, including {nduction and exhaust systems
and firewalls.

d) Engine compartment cooling.
e) Engine control system.

f) Fuel system.

g) Lubrication system.

h) Engine starting system.

1) Fire safety.

The power plant design studies were begun with certain basic criteria
in mind. Engineering logic dictated that any component location in the
235g centrifugal field at the rotor tip would have to be well Justified.
Tip located components, besides requiring cpecliul qualification testing,
would require close welght and center-of-gravity tolerances. Further,
Reference 9 indicates that 1./ pounds of buck-up structure {s required
in the rotor blade for every pound of additional weight located et the
rotor tip. Accordingiy, all storuge tor englne systems (fuel, oil, and
starting air if required) would be located in the tuselage and ducted
out through the mast, hub, and rotor biudes to the engines. Therefore,
a prime requirement in any system was that it be compstible with the
concept of routing its output from the stationary fuselage to the rotat-
ing rotormast, through a rotating manifold, swivel, or slip ring.

All systems are routed from the rotor hub to the tip engines through the

rotor blades, and ere group-mounted to the leading edge spar. Access to
the systems for maintenance is accomplished by removal of the leading
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edge,.  Flgure ' chowe the syntems' retention used (n the rotor tlades,
wnd Flgure 1 chows the method of tranufer of tystem lulde from the
fuselage to the rotor maut «nd the rotor bindes. Flgures 1€ and 17
show the engline {nutrumentution and jnnel arrangement.

From the beginning of the utudy, !t wac spparent that a power uource
woild be required In the fucclage to drive nccescorles und the direction-
n.-control tull rotor. Tle accessories drive section of this volume
showe that the syctem whlch evolved was a functionally optimized combir.-
stion of & main rotor mast-driven ucces:ory geerbox nnd an auxiliary
power unit. In thie tystem, the ma.n rotor mast drives n gearbox pro-
viding power for ulternate flight aeccessoriee and for driving the tall
rotor in the event of APU fallure., The auxlllary power unit drives the
tall rotor, provides the power supply for accessories, and serves the
additional furction of jroviding air for engine implngement starting.

A power plant and systemc {nstullation !sometric drawing !s shown (n
Figure 18.

3.2.2 Englne Installation

The engine is the Continental model 357-1, a modifled model J€9-T-29
engine, rated at 1,700 pounis maximum thrust. Externally, the modified
engine differs from the J69-T-29 in that it hac & larger diemeter (2L-
1/2 inches), incorporates en exhaust nozzle, and !s approximately eight
inches shorter in length.

The engine installation depended upon the results of wind-tunnel tests,
the flutter analysis, and the preliminery rotor design studies; there-
fore, conclusions could not be reached until these analyses were com-
plete. However, to expedite the program, a detailed engine installation
study was begun based on the preliminary design philosophy expressed in
Reference 1€.

As a preliminary assumption, the engine center of gravity was placed et
the 22-percent-chord location (the feathering axis of the rotor blades
1s at the 25-percent-chord location) to minimize flutter tendencies.
The engine centerline was placed parallel to the main rotor blade chord
line. Early analyses showed that the rated maximum engine thrust of
1,700 pounds precluded satisfying the helicopter requirements with a
single engine per blade; hence all power plant installstion investiga-
tions were conducted on two-engines-per-blade configurations.

For purposes of studying whether an over-under or a side-by-side

engine arrangement would result in the best installation, a nacelle
diameter of 30 inches in combinatlon with the 22-inch diameter J69-T-29
engine was used. This nacelle diameter had been selected for aerodynamic
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reasons and was to be used for the wind-tunnel model. Preliminary lay-
outs confirmed that the inboard-outboard arrangsment would result in
increased complexity of installation in the areas of nacelle and firewall
design and fluid line routing. The trends wvere so apparent at the outset
that it wvas considered unvarrented to probe more deeply into this investi-
gation. It was evident that an inboard-outboard arrangement would require
& larger diameter covl for a given engine to accomodate the engine mount
space requirements, thus resulting in increased drag. Dynamic considera-
tions showved no preference for either configuration and established

that the blade-twisting moment associated with one-engine-out operation

in the over-under arrangement would have negligible effect because of the
stiffness of the blade. Accordingly, it was concluded that the over-
under engine arrangement was the superior configuration, and design

studies and layouts of the various power plant systems was begun on the
basis of that arrangsment. This conclusion was unaffected by the subse-
quent engine diameter change to 2L-1/2 inches. The engine installation

is shown in Figure 19.

3.2.3 Engine Mounting Configuration

The engine mount design involved continual close coordination with ’on-
tinental Aviation and Engineering Corporation in the establishment of
engine mount locations, to assure compatibility from the standpoint of
both engine and helicopter requirements.

Initially, the engine mounting provisions consisted of two lugs located
forward of the engine center of gravity and one lug aft. It was suggested
to Continental that the main mounts be moved as near as possible to the
engine center of gravity .n order to put all the primary load into the
main mounts. This would also place the main mounts in line with the

rotor blade structure at approximately the feathering axis of the blade.
The third mounting point would then act primarily as a stabilizing

point and would take very low loads as compared to the main maount.

In the process of Continental's modification of the J69-T-29, the engine
internal structure wvas modified to allow relocation of the engine shaft
bearings. This modification reguired a very stiff section at the radial
compressor which was located approximately at the engine center of gravity.
Hence, it was found to be advantageous to locate the engine main mount
lugs on this heavy engine frame. The placement of two lugs at this loca-
tion on the inboard side of ‘the engine, separated by a 60-degree angle,
permitted the same engine mounting lugs to be used for both the upper and
the lower engines. The 60 -degree spread was determined to be large
enough to accomodate the fore and aft couple resulting from gyroscopic
forces as well as pitching loads. A larger spread would have increased
the bending moment on the engine mount structure and would have been
urdesirable. A third, stabilizing lug was provided at the aft flange of
the engine. A position at the forward end on the engine would have been
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preferable from a temperature standpoint, since the aft flange is at or
near a 900.degree Fehrenheit surface; however, e mount at the forward
location would have interfered with the fuel control and with the rout-
ing of the engine service systems. Also, this locetion would not provide
a good structursl loed path into the rotor blade.

A study vas made of the directions of anticipeted gyroscopic couples
resulting from blade feathering, for either direction of engine rotation
and for either direction of main rotor rotation. The mount studies and
design have been based upon a clockwise engine rotation viewed from the
aft end and counterclockwise rotor rotation viewed from above. Although
the present engine direction of rotation is counterclockvise wvhen viewed
from the aft end, the mount solution reported herein is applicable for
either direction of rotation.

After locating the engine and its mount points, a study vas made of the
mount structure requirements. The selected point for primary engine
restraint was at the two forward lugs. At one of these luges the engine
is mounted solidly, providing for restraint of engine axial loeds, cen-
trifugel forces, gyroscopic couple loads due to pitching and flapping,
and vertical loads. At the other forward lug, a connecting link is pro-
vided from the mount to the engine so that axial and centrifugal force
and gyroscopic couple loads are restrained, but pure vertical loads ere
not, thus permitting the engine to expand radially. At the aft mount
lug, a link is provided between the mount structure and the engine so
that only centrifugal force loads are restrained, which allows the en-
gine to expand axially. Engine mount loading was investigated for the
following conditions:

a) Loads due to basic engine weights and turbine polar gyroscopic
forces, with two engines operating.

b) Loads due to overspeed centrifugal force loads, with two engines
operating.

c) Loads due to normal blade centrifugal force snd gyroscopic forces,
without cyclic control inputs, with two engines operating.

d) Loads due to normal blade centrifugal force and gyroscopic forces,
without cyclic control inputs, with lower engine not operating.

e) Loads due to normal blade centrifugal force and gyroscopic forces,
without cyeclic control inputs, with upper engine not operating.

f) Loads due to normal blade centrifugal force and gyroscopic forces,
with full cyclic control input, with two engines operating.

g) Loads due to normal blade centrifugal force and gyroscopic forces,
with full cyclic control input, with lower engine not operating.
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h) Lloads due to normal blade centrifugnl torce nnd gyroscopic forces,
with full cyclic control input, with upper engine not operating.

This investigation established the sntrength criteria to which the engine
mount system was designed, resulting in the system described in Flgures
20 and 21. The design i{s based upon “he use of CAl-LV titanium alloy,
vhich results in a relatively lightweight engine mount capable of f!itting
within the aerodynamically determined cowl lines.

3.2.4 Nacelle Design

With the engine position establ!shed and the naceile external lines de-
termined to a large extent by aerodynami{c cons!{derations and the need to
adhere as closely as possible to the conflguration of the wind-tunnel
model, the nacelle design study was focused mainly on fore and aft posi-
tion, structural design, and compatibility with firewall, accessory, and
engine services space requirements.

A preliminary nacelle layout wus made to study the problems involved in
designing the cowl structure, housing the engine and its systems, provid-
ing access for maintenance and engine removal, furnishing cooling air
flow paths, and incorporating the necessory engine induction and exhaust
systems. For preliminary study, the dual nucelle wac centered vertically
about the rotor chord line with the maximum d.ameter located approximate-
ly at the 22-.percent-chord point, based upon lines taken from the profile
and plan views of the wind-tunnel-model configuration. In the process of
this study, the nacelle lines were further developed and improved in de-
tail to eliminate flat areas and ramps at the engine inlets, the exhausts,
and the rotor blade tip, resulting in a cleaner configuration for the
wind-tunnel model.

Of primary interest at this point in the program was the location of the
aft end of the nscelle relative to the engine exhaust, since it was
planned that the nacelle overhang beyond the exhaust would be designed

to provide an ejector to induce cooling air flow through the engine com-
partment. As noted previously, the initial nacelle fore and aft location
wvas based on the wind-tunnel-model configuration and the engine center of
gravity was located at the 22-percent-chord point The resultant nacelle
extension beyond the engine exhaust flange was found to be approximstely
12.12 inches. The maximum allowable length of ui{rframe-installed exhaust
tailpipe and nozzle aft of the engine exhaust flange was five inches, as
determined from Continental's limits of shear and overhung moment for the
flange. Thus, the apparent available nacelle overhang emounted to 7.12
inches. A later exhaust nozzle layout showed that the recommended nozzle
area could be achieved in a nozzle length of 2.97 inches, besed on the
J69-T-29 exhaust cone angle, which allowed an additional two inches (ap-
proximately nine inches total) for nacelle overhang. This was considered
adequate for ejector action, with the possibility that the nacelle could
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ttill move forward from tl.!u por.tion anlt thur nllow added nduc* 'orn
system length for flow ctrt!l!ization. Detnily of the el'ector nare 4!«
cussed under a later parngrapl entitled "Engine Cooling.” It lLas Ytewn
agreed w!th Cont!nental thut the exhaust nossle can te provided with the
engine inctead of with the airframe an was originally planned., Thie w!i.
save wveight, since the requirement for a flenge and clamp !s eliminated,

With the nacelle located as descrited in the tforegoing paragraph, atten.
tion wes next given to the engine inlet and !{nduction system. The na-
celle layout based on the wind-tunnel model showed a length of !nlet duct
of 11.5 {nches.

Upon conclusion of the wind-tunnel tests. the recults and trends were
evaluated from the viewpoint of both aerolynamic and power plant i{nstal-
lation requirements. Aerodynamic considerc.tions bused on the tests sug-
gusted that the nacelle te moved forward to an extent that a 23-{nch
induction system would result; but to do so would have compromised the
exhaust e!wctor und cuused engine-naceile clearance problems. A study
layout showed a compromise solution to be avaliatle {f the nacelle dla-
meter were !ncrewced to 32 {nches and the nacelle were increased propor-
tionately !n length. This resulted in an {nlet duct length of 17-1/2
inches uand no change {n finenest rat!{o. The selected nacelle configura-
tion snd location are shown !n Figure .-, which Includes the preliminary
structural confi{guration.

Throughout the nacelle configuration development, attention was given to
firewall requirements, since ability to protect the engine compartments
with firewalls adequately was considered a hasic requirement. The fire-
walls were designed to support the structure as well #s to support the
nacelle against aerodynamic and centrifugal loeds. The firewall require-
ments considered involved {solation of the entire nacelle from the rotor
blade, i{soletion of each engine compartment from the other, and (solea-
tion of each engine uccessory compartment from {ts hot section. The
selected configuration provides for these firewalls, as shown in Figure
22. The firewalls are ti{tanium. The nacelle skin material is fibterglass
from the inlet lip to station 9€ frame, alum:num from station 96 to sta-
tion 122.7 frame, and titanium from station 122.7 frame aft. Station
114.25 frame end all frames aft of {t are titanium. Appropriate provi-
sions are made for maintenance access, as seen in Figures 22 and 23.

3.2.5 gagine Cooling

The engine installation cooling requirements consist of lubricating oil
and engine compartment cooling. The lubricating 01l cooling is discussed
under Section 3.2.8 entitled "Lubrication System." Compartment cooling
1s further broken down into accessory compsrtment ( forward section)
cooling and hot compartment (aft section) cooling. These two compart-
ments are separated by a firewall in each engine installation.
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Forwvard section cooling, Involving low engine tkin temperntures of 210
to 290 degrees Fahrenhei{t ut 10 degrees Fuhrenleit ram a!r temperature
and {nvolving low engine heat diun!pation rntes, prequ!reec only a low alr
flow. The required alir flow {s {nduced by prevoure d!{ference between
the engine inlet duct and external nacelle pressure just forward of the
{ntercompartment firewall. Holes are provided in the {nlet duct to per-
mit oir flow between the nucelle und the duct, and {n the nacelle to per-
mit alr flow {n sand out of the nucelle. YUnder stutic conditions, low
pressure {n the engine {nlet w!ll cause amb!ent air to flow i{nto the
nacelle thyough the external holes and flow through the {nlet duct holes
into the engine inlet. ‘nder ram conditions, the flow will be In the
opposite direction, from the i{nlet duct {nto the nacelle and out the
nacelle external holes. The rotor speed will never stab!lize at a value
which will product a null flow point, since with only one engine of the
eight operating, the rotor tip speed will be approximately 100 feet per
second. The resultant rem effect, abtout two {ncnes of water on a stand-
erd dey, will be adequate to induce the required alr tlow through the
forward section compartment.

The aft section cooling requirements wre much more severe than those of
the forwurd section. Engine surtace temper«turec rt 'lO degrees Fahren-
heit ram air tempereture vary from ".’') degreey Fanrenhelt just aft of

the firewall to 1,300 degrees Fahrenhe!t nt the exnaust nozzle with the
latest engine configuration. Accordingiy, !t wuas considered desirable
early in the program to muke en analyt:cal study of the *hermal problems
in the aft section, both from the standpoint of cooling and from the
standpoint of determining the required nncelle material to be used in
that eree. The report of that enalys!s, pertaining to the original en-
gine configuration, sppears in Section /.0, whlch shows that e 3/L-inch
insulating blenket of six pounds per cuvic foor den:city would be required
on the engine aft section in order to hold nacelle temperaturec in static
operrtion to a maximum of 250 degrees Fehrenheit. However, the uce of
such muaterial {s considered to ve entirely (ncomputible with a 235g en-
vironment.

The other two solutions investiguted tnerein for muintalning e 250-de-
gree-Fahrenhe!t nacelle skin, involved shroud: These were incompatible
with nacelle size, end would appreclebly {ncrease the complexity of the
installation. Therefore, {t was decided to use a titrnium nacelle in
the eft section and tolerate the skin tempereture which 15 experienced
in the static condition.

Actually, the skin temperature would not reach the 800 degrees Fahrenheit
indicated in Section 7.0 in the static condition, tecause the nacelle
heat loss to etmosphere at thet temperalure would be approximately 4O
percent greater than the heat transferred from the engine (see Section
7.0). When the rotor 1. rotating at 30 r.p.m. (three engines operating
out of eight), the nacelle heat loss to atmosphere at 80C degrees Fahren-
heit skin temperature would be ten times that transferred from the engine,
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and heat transfer theory shows that under these condltions, the skin
temperature would be less than 300 degrees Fahrenheit.

Section 7.0 also treats ejector theory and performance and provides
parametric curves from which to determine an ejector configuration for
pumping air through the aft section compartment. A positive flow of
cooling air through the section is considered necescsary to maintain
reasonable temperatures for installetion components other than the
engine. Since an ejector with a 1.1 diameter ratio and a 79-percent
secondary duct overhang provides adequate air flow with minimum thrust
loss in hover, the ejector has been designed to these values. It is
recognized that ejectors invariably require development, and it is
plenned that this ejector will be optimized in a leter phase of the
program.

In discussing cooling, it is worthwhile to discuss briefly the engine
mount structure temperature. Continental hes provided estimated maximum
engine surface temperatures. 1In the area of the torward, primary mount
lugs, the engine temperature does not exceed )25 degrees Fahrenheit, the
radiation to the mount is negligible, e#nd the heat conduction impediments
between the engine and the mount structure (alr films and necked-down
sections) prevent significant conductive heat transfer. At the aft lug,
where the surface temperature mey be 900 degrees Fahrenheit, the same
may be sald in regard to conductive heat transfer, but the radiation
heat transfer from the engine to the atft mount structure could be sig-
nificant. If required, a small rediation shield can be added between
the engine and the mount.

3.2.6 Engine Controls

The usual free-turbine-powered helicopter engine control system performs
essentlially three functions:

a) Provides for pilot selection of "off," "idle," or "run" setting

of the gas producer.

b) Automatically increases the power turbine speed setting slightly
as power demand 1is increased, in order to compensate for power
turbine governor droop.

¢) Provides the pilot with a means of making small manual in-flight
adjustments of power turbine speed setting.

The tip turbojet-powered helicopter is regarded ss being analogous to a
free-turbine engine in that it has a gas producer (tne tip engine) which
supplies hot gas to drive a power turbine (the main rotor) at some
governed speed irrespective of load demand. As load demand (rotor pitch)
changes, the main rotor speed changes and a governor 1s required to
sense this change and to inform the gas producer that a different power
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is required. The gas producer itself usually requires only "off," "idle,'
and "run" settings; but because of tl.e need to balance engine thrusts in
a multiple-engine installation, it is necessary in the tip turbojet
installation to provide a method of trim for balancing engines. Early

in the parametric study program, two methods of contrel were considered:

a) Connect the pilot's collective lever to the engine throttles. An
increase in collective lever position would increase engine speed.
This would tend to increase main rotor speed, end the main rotor
governor would then initiate an increase in pitch to keep the
rotor at governed speed. A decrease in collective lever (load)
demand would decrease engine speed, the main rotor speed would
tend to decrease, and its governor (sensing the decrease in speed)
would initiate a reduction in pitch, to keep the rotor at governed
speed. Thus, the pitch change would be accomplished as a reaction
to the results of a manual input, rather than be the direct result
of the input.

b) Connect the pilot's collective lever directly to the rotor pitch
mechanism. The rotor governor would sense rotor speed variations
and initiate changes of engine thrust to return the rotor to
governed speed.

These two alternative spproaches were evalusted from the viewpoints of
primary flight control reliability, response time, and system complexity.
Alternative a) seemed to offer a relstively repid response to power de-
mand but required an override to directly control the collective pitch
for autorotation and flere. Further, rotor speed change with this sys-
tem would be a function of drasg, resulting in questionsble accuracy of
control with small engles of attreck, which do not appreciably change the
drag. Relisbility of alternative a5 would be inferior to that of b)),
since the pitch change signal would have to travel tnrough the engine
throttle system and the rotor governor system before reaching the pitch
change mechanism. The decision was made to fevor reliability and con-
trol accurecy by proceeding with alternstive b) and to minimize response
time by incorporsting a bias system from the aircraft collective lever
directly to the engine throttles.

With this besic declsion made, a study of the devices and festures, man-
uel and automatic, required to control the tip turbine engine thrust wes
initiated. A question which arose early in the study involved the capa-
bility of e pilot and/or flight engineer to operate and monitor eight
engines. The only known aircraft with eight turbine engines was the
B-52. Discussions with Boeing Airplene Division revealed the foliowing,
gained from their B-52 experience:

a) In the B-52, the pilot hes sole control of eight throttles on take-
off snd landing.
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b) The copilot has capability of trimming engines.

¢) Fuel control tolerances end small differences in fuel consumption
preclude balancing engines closely by throttle relative alignments.
Therefore, balance is achieved by comparison of exhaust gas pres-
sure rstio.

d) Autometic engine control is necessary in the tip turbojet applica-
tion.

This information, combined with conclusions reached at Hiller Aircraft
Compeny, led to a concept of tip turbojet engine control on which the
system described herein is based.

The resultant power mansgement system enables the pilot to control end
coordinate ell opereting engines with a minimum of menual inputs to the
system. It contains feil-.safe features and backup systems consistent
with the high degree of safety end controllebility demanded of primary
flight controls. The systems, both basic snd bsckup, are combined
electronic end electro-mechanical. Figure 24 is a block diagram of the
complete system. There are three methods of control operation: manual,
sutomatic, and mixed. Manual is used for engine start and shutdown,
static ground run, and as a backup for the automatic system. The auto-
matic system is used in normal operation. A combination of manual and
automatic 1s used to permit manual operation of a portion of the auto-
matic system in case of partial automatic failure. In all regimes,
fine-trim balancing of individual engines is accomplished with the
throttles.

In manual operation, major power changes are made by a device actuated
by the collective lever, the power change being proportional to the
amount of collective lever movement. Provisions for trim, to balence
power aveilable to power required, and to maintein desired rotor speed,
is accomplished by a twist grip mounted on the collective lever. The
requirement for this manual trim arises from the veriation in power re-
quired versus collective lever position for varying gross weights, slti-
tudes, and forward speeds. This manuel coilective lever power coordina-
tion and twist-grip trim is similar to the usual reciproceting engine-
powered helicopter engine control.

In automatic operation, the mein rotor governor eutomatically senses
rotor speed changes resulting from load changes, and informs the engine
fuel controls of the need for thrust change. In order to minimize the
main rotor transient speed change occurring during the time in which
the governor and engine fuel controls are acting to meet the required
change in thrust, an anticipating device is incorporated in the system.
This device, actuated by the coliective lever, sends a prior signal of
anticipated thrust change to the engine fuel controls, so that a change
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in thrust has already been initiated by the time the main rotor governor
signal reaches the fuel controls.

The mixed operation feature of the power management system provides for
manual operation of one or more engines while the other engines are

being automatically operated. In this mode of operation, main rotor speed
is held constant by the rotor speed governor, as in the automatic mode,
and collective stick position and manual trim are used to match the

thrust of the engine or engines in the manual mode with the thrust of the
remaining engines which are in automatic mode.

An individual three-setting throttle lever is provided for each engine
in the cabin throttle group. Each throttle has STOP and IDLE-START
detent positions and a RUN range. The detent positions are used only in
manual operatdon, and the RUN range is used for all conditions of opera-
tion. Relative thrust adjustments between engines may be made during
flight by movement of throttles within the RUN range to allow all
engines to approach their operational limits uniformly. During static
g@ound running, the throttle is used in the manual mode to control the
engine thioughout its full power range.

Individual mode selector switches are included for each engine throttle,
providing for selection of MANUAL or AUTOMATIC operation. In addition,

a tvo-position master mode selector switch ils incorporated, with the

twvo positions designated SEIECT and MANUAL. In the SELECT position, the
master mode selector switch permits each engine to be operated in the
mode called for by its respective mode selector switch position. 1In the
MANUAL position, the master mode selector switch overrides the individual
mode selector switches to place all engines in the manual mode.

A rotor speed selector is used to select the rotor governor speed setting
in the automatic and mixed modes. Rotor speed is held within three percent
of governor speed setting at all times; however, a warning is provided at
five percent underspeed or overspeed to initiate corrective action by

the pilot in the event of 4 failure.

All thrust change requirements in either mode of operation ultimately
result in a movement of an input lever on the engine fuel control. Dual
actuators are provided for this input motion, one for manual mode and one
for automatic mode. Each actuator of a pair can provide control through-
out the full thrust range of the engine, irrespective of the position of
the other actuator, the particular actuator in use depsnding upon
vhether manual or automatic mode is being used.

It is anticipated that the tip turbojet flight article may require pro-
vision for smoothing out oscillatory engine thrust and rotor drag vari-
ations which may be eancountered due to advancing and retreating blade
effects in forward flight, depending upon the control capabilities of the
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basic engine fuel control. Provisions are made to incorporate a cycling
power control into the existing power management system if it is war-
ranted.

Section 5.1 of this report presents the Engine Power Management Specifi-
cation which was prepared by Hiller and distributed to qualified vendors
for cost estimates. In this specification, vendors were asked to pro-
pose methods for automatic thrust equalization between engines, as well
as oscillatory thrust variation control mentioned in the above paragraph.
Vendor replies confirm that the system is feasible and practicable in
its entirety and have suggested at least two ways of automatically con-
trolling thrust equalization. These are

a) Comparison of engine rotor r.p.m.
b) Comparison of tailpipe temperature.

3.2.7 Fuel System

The fuel system discussed in the following paragraphs of this section
treats all elements of the system except the fuel tank itself.

The first study undertaken in this system was to determine the pressures
to which the fuel lines and components would be subjected, particularly
those pressures created by centrifugal force acting on the fuel in lines
in the rotor. At the time of the initial study, a €5-foot-radius rotor
rotating at 105 r.p.m. was assumed, and values of fuel pressure versus
distance from the rotor hub for 105 r.p.m. and for 1.25 times 105 r.p.m.
(overspeed limit of 131.2 r.p.m.) were calculated. Tip pressures were
calculated to be 2,645 p.s.i. at 105 r.p.m. and 4,140 p.s.1. at 131.2
r.p.m. The parametric study ultimately yielded a 56-foot-radius rotor
rotating at 111 r.p.m., for which the tip fuel pressures were 2,200
p.s.1. and 3,490 p.s.1. at rated and overspeed r.p.m., respectively.

The maximum required fuel pressure at the engine fuel control at that
time was quoted by Continental as 120 p.s.i. at full power. Therefore,
fuel pressure at the rotor tip would vary from 120 p.s.i. for the single
engine static ground run condition to 3,470 p.s.i. at 125 percent of
rated rotor speed. The pressure at the rotor hub, on the other hand,
would have to be some value higher than 120 p.s.i. for the static ground
run condition, to allow for line pressure drop and would have to be at
only a very small pressure for nonstatic conditions since the centrifugal
force will pump the fuel from the hub to the tip. The required fuel
pressure at the engine fuel control was subsequently reduced to 80 p.s.i.g.

An analysis was conducted of fuel line size required to minimize fuel
pressure drop in the static ground run condition. This was desirable
to alleviate the problems associated with transferring the fuel from the
alrcraft into the rotating rotor mast, and to minimize fuel pump require-
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ments. The analysis showed a requirement for 3/4-inch tubing to satisfy
the static condition. Based on 3/k-inch tubing and the calculated pres-
sure data, the required tubing strength and resultant wall thickness was
calculeted for various points on the rotor radius. From this, a system
of increasing tube wall thickness versus distance out on the rotor redius
wvas designed,

Subsequent to this work, several design decisions pertinent to the rotor
fuel system were evolved from the parametric study:

a) An over-under engine arrangement will be used.
b) The rotor blade radius to the engine centerline will be 56 feet.

¢) The rotor blade may require some ballast forward of the feather-
ing axis, based on the axis location at the 25-percent-chord point.

d) Rotor speed will be 11l r.p.m.

As noted previously, the maximum rotor tip fuel pressures resulting from
a 56-foot-radius rotor were 2,200 p.s.i. at 111 r.p.m. and 3,490 p.s.i.
at 125 percent of 111 r.p.m. These pressures are based on JP-4 fuel at
60 degrees Fahrenheit. As a check, a calculation was made of the over-
speed fuel pressure which would exist with JP-5 fuel, which is heavier,
at -60 degrees Fahrenheit. This resulted in a value of 3,910 p.s.i.

The previous fuel line design had been based on the use of 3/k-inch
aluminum tubing of varying wall thickness. In view of the possibility
of forward blade ballast being required, it was decided to optimize the
fuel line design for factors other than weight. Accordingly, a titanium
line of constant wall thickness was designed, so as to provide the same
modulus of elasticity and coefficient of expansion as the titanium lead-
ing edge spar to which it is attached. 1In this design, a factor of 2.5
times operating pressure was used as in the hydraulic system design, be-
cause the normal fuel system design factor of four times operating pres-
sure (intended primarily for relatively low pressure systems) was con-
sidered not applicable and unrealistic. The resulting fuel line size was
a 3/b-inch tube of .058-inch wall thickness.

Figure 25 shows the aircraft fuel system in schematic form, from which
the following features are evident:

a) Each engine is supplied with a separate fuel line from the .otor
hub to the engine.

b) Each engine fuel supply line has a shutoff valve at the rotor hub.

c) Each engine fuel supply line has a flow limiter at the rotor hub.
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One }/h-inch fuel line through the rotor would be adequete to supply the
static ground run fuel requirements of one engine and the normal opera-
tional fuel requirements of two engines; however, it would then te
necessary to provide a tee at the rotor tip with lines leading to each
engine. This would require that, in case of a fuel leak or a fire at
the engine, either the fuel to both engines would have to be shut off
by a single valve at the hub or two valves would have to be located at
the rotor tip to shut off fuel to an individual engine.

Reliability demanded that the system provide for shutting off the fuel
to individual engines without affecting the other engines; hence, there
will be two fuel shutoff valves per rotor blade, one per engine.

Analysis showed that the effective weight of a single fuel line running
out. the rotor blade and two valves located at the rotor tip (the actuel
component weight plus the weight of structure required to support it at
1ts location in space) would be approximately the same as the effective
weight of two valves located at the rotor hub and two lines running out
the rotor blade, one to each engine. Thus, for approximately the same

effective weight, the following features are added i1f the fuel shutoff

valves are located at the rotor hub:

a) Two fuel lines may be run out the rotor blade, so that in case
of line failure only one engine is lost.

b) The shutof: valves will not be subjected to high pressure or
operation in a high acceleration field and may be simple, off-
the-shelf items. Hence, their reliebility will be improved.

Based on the above analysis, the design selected consisted of an indivi-
dual fuel line from the rotor hub to each engine, with a shutoff valve
for each line located at the hub.

Since the rotor fuel lines are titanium, the shutoff valves serve as
firewall shutoff valves. The function of t<ns1:XMLFault xmlns:ns1="http://cxf.apache.org/bindings/xformat"><ns1:faultstring xmlns:ns1="http://cxf.apache.org/bindings/xformat">java.lang.OutOfMemoryError: Java heap space</ns1:faultstring></ns1:XMLFault>