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ABSTRACT

3geveral experiments were performed to further investigate
the high frequency, longitudinal, combustion inétability
regions and their limits encountered during operation of a
rocket motor using gaseous propellants. These experiments
were designed to change the heat transfer rate to the
injector face by changing heat transfer properties of the
propellant gases and injector configuration; to measure the
axial temperature profile in the combustion region; to study
the effects of changing the mean chamber pressure; and to
measure the wave form of the oscillatory pressure in the

combustion chamber.‘R

It was concluded that no change in the stability regions
occurred as a result of chaﬁging the injector configuration
or the mean chamber pressure; a change in the equivalence
ratios of the unstable regions occurred when the heat transfer
properties of the propellant gases were changed but that no
change in the actual combustion chamber temperature was
associated with the egquivalence ratio change; combustion was
completed in a distance less than 1.5 inches from the
injector face and that the oscillatory pressure in the

combustion chamber had the form of a shock wave.
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CHAPTER 1

INTRODUCTION

The problem of combustion instabil%ty has plagued the
rocket motor industry since its birth,.with increasing
concern éincé the advent of the space age (1).

When periodic pressure oscillations begin in the
combustion chamber of a rocket engiﬁe designed for maximﬁm
rerformance, high thrusf and minimum weight, the increased
rates of localized heat transfér and increases values of
oscillating chamber pressures almost invariably exceed
design limitations and motor deétructioﬁ follows.

The ultimate goal of the many investigations being
carried on in the field of combustion instability would be
the complefe elimination of combustion instability. A

welcome second choice would be the ability to prédict the
lonset of combustion instability using common rocket motor‘
parameters, such as: propellant mixture ratio, injector
configuration and combustion chamber dimensions, pressures
and temperatures, so that these regions might be designed
out of the operational envelope of the rocket motor.

Another goal of both theoretical and experimental
investigation would be to find a suitable method to scale
the results of tests with small rocket motors to large

rocket motors. Testing large motors is an expensive



operation especially if the test ends in destruction of
the motor.

A. Gas Rocket Motor

The gas rocket motor was deéigned and built at Princeton
in 1959 to s£udy the problems 6f combustion instability in
a simpler system than a liquid motor would allow. Some of
the physical processes peculiar to the liquid rocket motor,
such as atomization, vaporization and mixing, are removed
by the use of premixed gaseous oxidizer and fuel. There-

. fore, any ipstabilities encountered would have to be
attributed to phenomena occuring in or related to the gas
phase of the pr0pe11ahts.

B. Background'

Previous investigation with the gas rocket at Princeton
University did not quantitatively establish the validity of
.the theoretical modéi chosen by Crocco and Bortzmeyer (2) to
describe the driving mechanism of the ipstability.

-.The proposed driving mechanism was one in which an
oscillating heat transfer to the injector coupled with an
oscillation in the combustion chamber to produce combustion
instability. This idea for the mechanism is similar to the
burning of solid propellants where heat and mass transfer
processes are the controlling processes in combustion
instability.

A description of this mechanism follows with the aid of



Figure 1, which is reproduced directly from Reference 2.

To is the temperature of the face of the injector on the
combustion chamber side, and since the gaseous propellants
are considered to be in thermal equilibrium with the injector,
‘To is also the temperature of the gases when they enter the
combustion chamber.

T1 is tﬁe temperature of the gases after they have been
burned and are still but a small distance away from the
injector. The mechanism states that if, at a given time,
the pressure near the injector plate increases due to some
disturbance, the heat transfer to the injector will also .
increase. This increase in heat transfer will cause the
injector temperature (and injected gas temperature) To to
rise after a proper time lag caused by the inertia of the
transfer process.

Then,'due to the increase in To’ and again after the
proper timg lag, the final tempefature of the combustion

gases, T will also rise. Note that as To rises, the heat

1
transfer to the injector must decrgase because of the decrease
in Tl-To,-the driving force of the heat transfer. Thus, it
can be seen that if the time lags of the heat and mass flow
transfer processes are éroperly related to the period of
oscillation of the combustion chamber, the energy released
from the combustion process can oscillate in phase with the

natural mode of the combustion chamber. That is, the combustion
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will be unstable.

In early experiments by Pelmas (3), qualitaéive agree-
ment was obtained between the theoretical predictions using
this model and experimental results,- At the time, it was
felt that more experimental data,relating the effects of
heat transfer,had to be obtained before any quantitative
comparison could be made. |

Later experiments by Bertrand (4), confirmed a modif-
ication of the theory which predicted all frequencies and
harmonics which had been exbe;imentally observed.

All of these experiments raised questions about the
relationship between the unstable regions encountered and
parameters such as: heat tra;sfer to the injector, heat
transport properties of the combustion gases, and combustion
chamber pressures and temperatures.'

. The experiments in this report were conducted to further
test the Crogco-Bortzmeyer theory and attempt to gain a
deeper understanding, through experimental observations, of
causes and effects of the instabilities in the gas rocket.
This might give .a better idea of how to modify the e#isting
theory, or possibly provide a basis for a new théory utilizing
a different combBustion model.

This report will cover observed changes in the unstable
regions and their limits caused by changing injector config-

uration, chamber conditions, motor length and propellants. -
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*C. Unstable Regions and Limits
| The regions of high frequency, longitudinal ihstability

and their limits referred to throughout this repoit are described
by a "stability map" on a graph of‘equivalénce ratio versus
motor length. Holding the motor iength and combustion
chamber pressure constant, combustion instabilities occur\
while traversing throﬁgﬁ certain ranges of equivalence ratios.

When these unstable ranges of equivalence ratios are.
joined together with motor length as the abscissa of the
graph, an unstable region iS formed with definite values
of equivalence rathbas‘limifs.,(See Fi§ures 7 and 8.)
D. Defiﬁ;tions

At the onset, it would be of value to restate tre defin-
itioné of the ﬁerms "equivalence ratio", "combustion instab-
iiity" and "uhstable region limit" as used throughout this
report.

The equivalénce ratib, # , is the acgual mass flow rate
ratio of oxidizer to fuel to the theoretical stoichiometric

(st.) mass flow rate ratio of oxidizer to fuel.

/A T S
ﬂ'nf me Bt. -

Combustion instabilities are harmonic, longitudinal

chamber pressure oscillations with well defined frequencies
of finite amplitude,and the limit of an unstable region is
the border at which there is a transition between stable

and unstable combustion.



CHAPTER 11
APPARATUS DESCRIPTION

A. Basic Rocket Installation

The gas rocket installation is composed of the following

basic components: a propellant metering system, a propellant

mixing chamber, an injector, a combustion chamber and a nozzle.

Provisions are available for measuring and recording combustion

chamber pressures, temperatures and propellant flow rates
during test runs.

The motor is uncooled with thick copper walls, which

sefye the dual purpose of cooling by virtue of a large thermal

capacity, and providing structural integrity under conditions
of high localized heat trénsfer rates and oscillating pres-
surés.

The motor was designed so that the combustion chamber
length, pressure transducer location and injectprs could be
readily éhanged; Different propellant combinations at
varying mixfure ratios could be accurately controlled by the
>propellant feed system.

B. Propellant Metering System

Critical flow orifices were used to meter propellants to

the gas rocket. The orifices were flow calibrated when the

euuipment was originally built. To facilitate rapid changing

of propellant mass flows between test runs, the orifices were

mounted in manifolds with a separate valve to open and close

s et e i



each orifice (Figure 6).

Stagnation pressure of the bropellants was measured
upstream of the cr’ .cal flow orifices by bourdon gauges
with a standard accuracy of 0.5% between 400 and 2000 psig
and calibrated to an accuracy of I, psi. Pressures wére
also measured downstream of the orifices to verify the
differential needed across the orifice to assure choked
flow.

Stagnation temperatures of the propellants were measured
upstream of the orifices by copper-constantan thermocouples.

C. Mixing Chamber

Each propellant gas entered the mixing chamber through
an impingement type injector consisting of four sets of like-
on-unlike orifices inclined at 30 degrees to each other which
provided initial rough mixing (Figure 2). Complete mixing,
before injection into the combustion chamber, was accomplished
by passing the roughly mixed gas through a bed of tightly
packed 0.25 inch stainless steel balls. A screen prevented
the balls from touching the rear face of the chamber injector
{Figure 3).

D. Combustion Chamber Injectors

' o
The thoroughly mixed propellants passed through a 0.25 inch
thick, 1.75 inch diameter copper injector which was force
fitted into the downstream end of the mixing chamber and held

firmly in place by bolting the first section of the combustion



chamber against the injector.
Two types of injectors were used in the following
experiments, a six orifice double triplet injector and a

ten orifice injector (Figude 4),

E. Combustion Chamber

The combustion chamber was constructed of five inch
copper sections with a wall thickness of 0.75 inches. A
stainless steel liner with an inner diameter of 1.5 inches
waé press fitted into the core of each section. Using
these sections,and a variablé,length (0 to 5 inch) nozzle
section, combustion chamber lengths between 1.625 and 40
inches couid be constructed.

Combustion chamber sections were joined together using
Marmon clamps with Gérlpck spiral wound gaskets to seal the
flange faces against pressure leaks. These flange fa‘ce's were often
broken and resealed to change -motor length and té inspect
visually conditions ihside the chamber. Pressure leaks that
originated from small defofmations in the Garlock gaskets were
stopped by placing a 0.002 inch aluminum foil gasket between
sectione before reclamping.the sections.
| Since'propel;ant mass flo& was a very important para-
meter during all experiments, the presence pf'pressqre leaks,
either of the propellant or of the combustion products could
‘not be tolerated.

Propellant leaks cause erroneous calculation of the



equivaiénce ratios at which instabilities are recorded and
combustion product leaks cause errors in the total mass flow
needed to maintain a coqstanﬁ chamber pressﬁre,

Before each set of runs and in the middle of a long
sequénce of runs, the motor was‘pressure tested to assure
that no leakslhad developed in the system.

F. Nozzlie

The water cooled, convergent-divergent nozzle had a
0.22 inch throat diameter and the convergent porﬁion'of
the-nbzzle had a half angle of 30'degrees, ~The cooling
water entered thé nozzle at the exit section and was forced
fdward through the nozzle walls and out the entrance section
under 100 psi.of.pressure.

The nozzle could be secured at any length in the‘five
inch nozzle section, whiéh was of similar cnnstrhétion to a
combustion chamber section. An "O" ring seal prevented
pressure leaks past the sliding portion of the nozéle. A
special adaptor (Figure 5) made.it possible to slide the
nozzle into the first five inch section of the combustion
chamber.

G. [Temperature and Pressure Measurements in Combustion Chamber

The thermocouples used to measure the combustion temp-
eratures in the first five inch section of the combustion
chanber (Chapter 111-E) were connected to a six position

thermocouple switch the output of which was connected to a

[}
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chart recorder. 1In this manner each thermocouple could be'
interrogated individually or in a prescribed sequence.

Steady combustion chamber pressures were measured with
a Flader P6HD transducer which sensed the pressure through an
18 inch tube connected to the first five inch section of the
combustion chamber. All steady state data taken during a
test run was‘recorded in a centrally located recording room
on Leeds and Northrup Speedomax recorders.

Transient chamber pressures and corresponding frequencies
and amplitudes, measured by a Dynisco PT49 transducer,were
displayed on an oscilloscope for immediate determination of
unstable combustion during the run and recorded on a seven
channel Ampex tape recorder for léter analysis.

Since extra channels were available on the tape recorder,
a time history of the upstream propellant pressure settings
was verbally recorded as each pressure setting was obtained.

"Aall timevhistories were synchronized with the start of
the test portion of the run b% a timiﬁg marker, which was
triggered manually when desired, on all speedomax and tape
recorders.

.Transducer and recording equipment peculiar only to
the experiment performed in Chapter 111-G will be described
at the beginning of that chapter.

H. Flashback

To prevent combustion flashback into the mixing chamber
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from remaining undetected by the oxidizer shut-off safety
circuit, 0.50 inch diameter plexiglass windows (Figure 3),
were installed in the mixing chamber replacing 0.38 inch
diameter windows.

The greater window area increased the sensitivity of the
safety circuit to the flaghback generated light of combustion
in the mixing chamber and eliminated undetected flashback by
actuating the safety circuit sooner after flashbaqk occurred,
preventing damage tb the mixing chamber.

It was found using the propellant combinations described
in the following experiments, that when a succession of
flashbacks occured, the cause could invariably be traced to
a loose fitting injector.

Even though the first combustion chamber section was
butted against the face of the injector, combustion gases
could flow between the steel inner liner and the copper walls
back upstream to the loose injector, then around the edge
of the injector into the mixing chamber.

This flow pattern was evidenced by discoloration on'the
outside of the steel inner lining, from the holes‘cut for the
transaucer and spark plug ignitors, to the upstream end of
the first combustion chamber section. The edges of the loose
injectors were also discolored after a series of flashbacks.

By replacing the injector, or silver soldering'the

injeetor in the end of the mixing chamber, flashback was
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prevented. It was also found that an aluminum foil gasket
between the first sectioh of the combustion chamber and the
injector also prevented flashback caﬁsed by a slightly loose
fitting injector.

I. Startinq,Problems

Wwhen the six orifice double triplet injector (Figure 4a)
was used, the motor cohld not be started with the orifices :
aligned 90 degrees to thé spark plug ignitors. By rotating
the plug 90 degrees, the motor could be started easily and this
problem was assumed to be caused by a peculiar recirculation
pattern of propellants which either presented the ignitor
wifh a non¥combustable mixture or very little mixture at all,

No further investigation of this effect was carried out.
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CHAPTER 111

DESCRIPTION OF EXPERIMENTS

A, Iﬁtroduction

This feport_covers six separate experiments performed to
further iﬁvestigate the combustion instabiltiy regions and
their limits encountered during operation of the gas rocket.
Ihdividual experimental results are discussed at the end of
each experiment and conclusions drawn from all six experiments
are discqssed in Chapter 1V.

The theory of Crocco and Bortazmeyer (2), associated the
occurrence of combustion instability with the amount of heat
transfer to the injector as discussed in Chaﬁter 1. The
first three experiments studied the effects of changing the
heat transfer rate to the injector.

| In the first experihents, heat transfer to the injector
was increased, in the second, the heat transfer to the injector
was decreased and in the third, the heat transfer properties
of the combustion gases were increased.

Results of these experiments led to the next two
experiments. in this report, namely, an investigation of
the actual combustion chamber temperature at the unstabie
region limits, and the effects of combustion chamber pressure
on these limits. B
A shock wave theory of combustion instability was pro-

posed at Princeton University in March, 1963, (17) and the
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last experiment was performed to measure and photographically
record the pressure wave form during combustion instability,
upon which the theory was predicated.

B. Increasing Heat Transfer Rate to Injector

This experiment was performed to see what effect a large
increase in the heat transfer rate to the injector would have
on the unstable regions and limits previously found by
Pelmas (3) using porous injectors and Bertrand (4) using
ceramic coated and water cooled‘injectors containing various
numbers of orifices.

In the theory of Crocco and Bortzmeyer (2), combustion
instabilities are predicted as'a function of a dimensionless
heat transfer coefficient, h. This coefficient depends only
on three parameters of the combustion gases, the heat transfer
coefficient, the specific heat and the total mass flow (h = E&é;).

To keep the heat transfer coefficient independent of
any recirculation from the combustion zone to the injector,

a mathematical model for an injector which delivered one
dimensional, uniform velocity, pre-mixed propellant flow to
the combustion chamber was chqsen for the theory.

For this reason, injectors in past experiments were
designed to simulate the model as closely as possible.

Porous injectors delivered a uniform, one dimensional flow
with little recirculation.

Injectors. with small orifices parallel to the direction
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of flow (showerhead desién) were usgd to study the effects
of deviations from the assumed uniform, one dimensional
velocity profiles.

To cfeate a strong recirculation pattern between the
combustion zone and the injector for this experiment and
thereby increase the heat transfer to the injector, a triplet
type injector was designed. .

From past experience with liquid rocket motor injectors,
it was well known that a tr}plet configuration created high
rates of heat transfer to the injector. Turbulence and
high gas velocities in the cémbustion zone and across the
face of the injector reduce the thickness of the boundary
layer at the injector face and increase the transport of hot
combustion gases from the combustion zone to the injector.
Both of these effects greatly increase the heat transfer
rate to the injector.

Maintaining the same total orifice area in the injector
as was used in all preceding injectors with orifices, made
the single triplet injector unusable because of combustion
flashback into the mixing chamber.

The probability of flashback is related to the diameter
of the orifice and the gas velocity through the orifice,
therefore to reduce flashback, keeping the same total orifice
area and roughly the same propellant mass flows, it was
necessary to design a six orifice double triplet injector

(Figure 4a).
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This injector configuration was used throughout this exp-
eriment with a propellant combination of hydrogen and air
{stoichiometric mixture ratio = 34.5) premixed in the mixing
chamber upstream of the injector. '

B.1 Procedure

Rocket motor length was varied from 1,625 to 40 inches
for the experiment and at each test length a full traverse of
equivalence ratios was made from the fuel lean flammability
limit to the fuel rich flammability limit. A constant
chamber pressure of 100 t 2 psig was maintained. At each
length, the equivalence ratios of the unstable region limits
and frequencies and amplitudes of the instabilities were
recorded. Unstable region limits were approached both from
the stable and the unstable side of the limit.

After data were collected, propellant mass flows were
corrected for temperature and gauge pressure error and the
unstable regions were plotted on a graph of equivalence
ratio versus motor length.

B.2 Results

Figure 7 compares the unstable regions and their limits
found in this experiment using the six orifice double triplet
injector with those regions found by previous investigators
using the injectors descfibed earlier.

B.3 Discussion

Past experiments using porous injectors (3) recorded
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no unstable regions below a motor iength of five inches and
experiments using ceramic coated and water cooled injectors-
(4) did not test for instability below 5.5 inches.

Using the six orifice double triplet injector, high
frequency, longitudinal instabilities were recorded down to
a motor length of 2.5 inches. A new region of high frequency
longitudinal instability was found on the fuel rich side of
stoichiometric between 2.5 and seven inches and an extremely
low frequency region (100-200 cps) was noted between 1.625 and
two inches.

The new, high frequency, longitudinal instability region
found between 2.5 and seven inches cannot be explained.
Results using the six orifice double triplet injector almost
paralleled the results oflprevious investigators except for
this region and the low frequency region. Tﬁe high frequencies
is this region had the same acoustic frequencies for chambers
of corresponding length but there was a distinct separation
in equivalence ratio between the new region and the other
regions found using the six orifice double triplét injector.

It is suspected that the low frequencies were not long-
itudinal instabilities since high frequencies are associated
with the acoustic properties of short combustion chambers.

At very short lengths, the chamber diameter is of the same
order as the chamber length (~1.5 inches) and the pressure

transducer diaphragm is partially covered by the inserted
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nozzle (Figure 5}. This chambér confiéuration could account
for the presence of the noﬁ-longitudinal instabilities recorded.

A hysteresis effect on the fuel lean unstable region
limit can be seen in Figure 7, with the arrows indicating
whether the limit was approached from the stable or the
unstable region. This effect was also noted at the fuel rich
limit (not shown for sake of clarity) and amounted to a dif-
ference in equivalence ratio of 0.15 at both limits.

Proof that the double triplet configuration did greatly
increase the heat transfer to the injector compared with other
configurations was evidenced by mechanical deformation (warp-
ing) of the injector after a few runs. To preclude any change
in the propellant injection pattern due to misalighment of
the triplet injector orifices caused by the deformation,
injectors were replaced whenever distortion was evident.

It was not possible to confine the upper limit of the
unstable region on the fuel lean side of stoichiometric to a
single value of eguivalence ratio. At the lean mixture
ratios of the upper limit (105 to 140 parts of air to one
part of hydrogen) the amplitude of the instability was very
small, making it difficult to detect exactly when unstable
combustion stopped and stable combustion began. Therefore
an envelope of equivalence ratios is shown on Figure 7 in
which the unstable region limits were still found.

Notice from Figure 7 that beyond a length of 25 inches



19.

the unstable region on the fuel rich side of stoichiometric
terminates. This termination is attributed to the facts

that as the combustion chamber length increases the combustion
gases loose more and more heat to the walls of the chamber.
This and damping effects associated with chamber length either
eliminate the instability completely or reduce the amplitude
of the instability to a value that is too small to be
detected.

Reproducibility and reliability of data taken during
runs with chamber lengths less than five inches is poor.

Many factors ccontribute .to thesepoor data. At short lengths
the motor cannot be adequately cooled,causing the chamber
temperature to vary with the length of the run. Also the
propellants do not have sufficient time in the chamber to
react to completion} before exiting through the nozzle,
causing an unknown variation of the combustion gas compos-
ition.

Another factor would be an unknown, non-constant heat
loss,due to surface and wall irreqularities caused by‘ﬁoles
cut in the steel liner to accommodate the pressure transducer
and svark plug ignitors.

It is felt that data obtained at lengths below five
inches should be viewed with caution if not discarded
altogether. 1If these lengths do become of interest, redesign

of this motor section should be accomplished.
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The equivalence ratios which determined the unstable

region 'limits under steady run conditions were reproducible

within 2% at motor lengths tested between five and 40
inches. This variation was attributed to: human judgement
in determining the exact time (and therefore equivalence
ratio) of the onset of instability from transient pressure
measurements in the combustion chamber displayed on an
oscilloscope; the rate at which the equivalence ratio

was changed by the technician; and the degree of roughness
with which the propellant settings were altered. (Abrupt
changes versus smooth changes of tbe propellant pressure

regulators.)
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C. Decreasing Heat Transfer Rate to Injector

To study the effects of decreasing the rate of heat
transfer to the injector, the combustion zone was moved
farther downstream from the injector than in the previous
experiment.

In order to move the combustion zone downstream, it was
necessary to modify the original configuration of the rocket
motor by completely removing the mixing chamber with the .
injector fitted in the downstream end.

The impingement injector plate (Figure 2), through
which unmixed propellants previously entered the mixing
chamber in the unmodified configuration, was used in this
experiment with an adaptor section, as the injector for the
cocmbustion chamber.

This change in injection scheme left a region of unmixegd,
unburned, relatively cool propellants to aet as an insulator

between the combustion zone and the injector, since the

propellants required a finite distance from the injector plate

to form a combustable mixture. Any recirculation of hot"
combustion gases had to pass through this cool region before
contacting the injector face, thus reducing the heat transfer
rate to the injector.

The hydrogen and air propellants were injected, unmixed

through the injector plate directly into the combustion chamber

where, when ignited, a chamber pressure of 100 t 2 psig was
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maintained.
€.1 Procedure
A full equivalence ratio traverse was made at a motor length
of ten inches. As in the previous experiment, frequencies and
amplitides of the instabilities were recorded. The equivalence
ratios at the limits of the unstable regions were corrected
for temperature and gauge pressure error and compared with
the regults of the first experiment. All unstable region
limits were approached from both the stable and ﬁhe unstable
side.
C.2 Results

The region of -instability that was observed on the fuel
lean side of stoichiometric had the same limit as that
observed using the six orifice double triplet injector in the
first experiment. A similar hysteresis effect on the limits
was observed, depending upon whether the limit was approached
from a region of stability or instability.’

An exact upper limit of this legion was difficult to
determine, (for reasons stated in the first experiment) but
it always fell within the same limiting envelope (Figure 7)

The fuel rich region of iﬂgtability was bounded by the
same limit as was found for the six orifice double triplet
injector, but the flammability limit was found to be at a

much richer fuel mixturé,i;= 6.05 compared to%; = 4.5,
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C.3 Discussion

It was apparent from the results, that the unstable
regions and their limits were unaltered by a decrease in the
heat transfer rate to the injector. Since the flammability
limit for a given propellant combination has a certain value,
the apparent change in the fuel rich flammability limit can
be attributed to the fact that the gases were poorly mixed
before entering the combusiion zone. After combustion had
occurred, an even gréater excess of unburned hydrogen was
present in the combustion products than was present when the
propellants were premixed.

Examinaticn of the impingement injector plate between
and after runs, revealed no deformation or discoloration,
which verified the fact that the heat transfer to the plate
was far less than the heat transfer to the six orifice double
triplet injector during the first experiment.

The reproducibility of data taken was good, with the
same amount of scatter accountable to the same reasons stated

in the first experiment.



D. Increasing Heat Transfer Properties of Combustion Gases

In this experiment the heat transport properties of
the combustién gases were altered to study the effects of
changing the heat transfer rate in the combustion chamber
on previously found regions of combustion instability.

The heat transport properties, thermal conductivity, k,
viscosityh47, specific heat, cp, and the density,e , were
altered by changing the inert diluent in the oxidizer., 1In
the preceding experiments, the combustion gases were formed
by burning hydrogen and air as propellants. In this exp-
eriment, hydrogen was burned with a helium-oxygen mixture
resulting in combustion gages containing helium instead of
nitrogen.

It was felt that the helium present in the combustion
products, having a greater thermal conductivity thaq nitrogen,
would increase the heat transfer properties of the combustion
gases, especially at equivalence ratios greater than one at
which an excess of oxidizer is present in the combustion
products,

The oxidizer used contained 80% of helium mixed with
20% of oxygen by volume with less than 1% deviation
in either constituent according to the specifications of the
gas company from which the gas was purchased.

The oxidizer had the following properties at STP

conditions: molecular weight = 9.6, stoichiometric mixture
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ratio when burned with hydrogen = 12, specific heat = 0.562
calories/gram °k and ratio of specific heats = 1.585.

A showerhead injector having ten orifices on two concentric
circles (Figure 4b) was used to inject the premixed hydrogen
fuel and helium~Oxygen oxidizer into the combustion chamber.
This injector had the same total orifice area as the six
orifice double triplet injector.

D.l1 Procedure

The motor length was varied in five inch increments
between fiye and 30 inches and equivalence ratio traverses
were made between the fuel rich and the fuel lean flammability
limits while maintaining a chamber pressure of lOO’t 2 psig.
As before, frequencies and amplitudes of the instabilities
were recorded, and the unstable regions and their limits
were plotted on a graph of equivalence ratio versus motor
length. Each unstable region limit was approached from béth
the stable and the unstable side.

After the unstable region limits were determined
experimentally, the adiabatic temperatures for t»e combustion
reaction at the equivalence ratio of the limits were computed.

This calculation was made, assuming no dissociation at
the temperatures of interest, by equating theé heat of reaction
to the enthalpy rise of the combustion products, water, helium,
and excess oxygen or hydrogen, depending on the equivalence

ratio of the limit.
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5

For comparison, the adiabatic temperatures for the
hydrogen-air reaction were computed at the equivalence
ratios of the limits found in the first experiment ( Chapter
111-B) assuming: no dissociation, and the composition of air
to be 21% oxygen and 79% Nitrogen by volume. The results of
these calculations are tabulated in Figure 9.

The heat transport properties of the combustion gﬁses
were calculated from the heat transport properties of each
constituent in the combustion products, at the adiabatic
temperatures and equivalence ratios of the experimentally
determined unstable region limits.

The heat transport properties of the individual gases
in the combustion products were gathered from existing
literature on thermodynamic and heat transport properties
of gases at high temperatures (6, 8, 10 through 15).

A heat transfer coefficient, h, was calculated at each
experimentally determined unstable region limit from the
heat transport properties of the combustion gases. This
single property provided a better understanding and method
for comparison of the differences in the heat transfer rates
of the combustion gases and was calculated from a modifieg
Chilton Colburn equation for turbulent flow in a duct:
ak K
2 %0.8 (.gp,dk(_)o.ﬁ

Vhere d = diameter of combustion chamber, a = 0.023, and

h =

V = the velocity of the combustion gases in the combustion



chamber.

The heat transfer coefficients of the combustion gases
at the unstable region limits found wusing both the air and
helium~oxygen oxidizers are listed in Figure 9.

D.2 Results

Figure 8 shows the unstable regions and their limits
found using the helium-oxygen oxidizer with hydrogen as a
fuel when approached from the stable side of the limit,
and also compares these limits with those found in the first
experiment using the six orifice double triplet injector with
air as an oxidizer. ‘

Figure 9 is a tabulation of adiabatic combustion temp-
eratures, heat transport properties and heat transfer
coefficients computed for this experiment at the equivalence
ratios of the unstable region limits found using both
helium-oxygen and air oxidizers.

D.3 Discussion

It can be seen from figure 8 that altering the heat
transport properties of the combustion gases did change the
equivalence ratio at which the fuel lean unstable region
limit was found compared with the limit found using air as

an oxidizer.

B

The unstable regions are similar in form to the previously
found regions, with the fuel lean region limit closest to stoich-

iometric occurring at a constant value of equivalence ratio and



thé fuel rich region limit at a constant eéuivalence ratio
for the first 20 inches of motor length. The limits
{farthest from stoichiometric) of both unstable regibns were
found to be the flammability limits for the helium-oxygen
propellant combination.

Because of the poor reproducibility and reliability of
data mentioned earlier in this report, no runs were‘made
below a motor length of five inches. Also the increased
heat transfer coefficient of the combustion gases (Figure 9)
made it impossible to cool the shorter chamber lengths
without modifying existing cooling equipment.

A hysteresis effect on the unstable region limits of
the same magnitude to that which occured in the first two
experiments was noted, but for clarity, only the limit
determined when approaching from a stable reéion is shown
in Figure 8,

It was not immediately apparent why the equivalence ratio
of the fuel lean unstable region limit found using the helium-
oxygen oxidizer was almost 20% greater than the limit found
using air oxidizer, while the fuel rich unstable region
limit was almost the same as the limit found using air
oxidizer,

The adiabatic temperéture calculated for the hydrogen
and helium-oxygen reaction at the fuel rich limit was always

found to be greater than the adiabatic temperature for the
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hydrogen and air reaction. This fact is not obvious upon
inspection of Figure 8, since the equivalence ratio of the

hydrogen and air reaction decreases with increasing chamber

length and the equivalence ratio for the hydrogen and helium-

oxygen reaction is almost constant, the limits intersecting
at a chamber length of 15 inches.

A careful examination and comparison of the adiabatic
temperatures and the heat transfer coefficients calculated
at all of the experimentally determined limits (Figure 9)
revealed a significant trend.

The hydrogen and helium-oxygen reaction always produced
the larger adiabatic temperatures at the limits of similar
unstable regions. (Similar regions being regions of similar
form on the same side of the stoichiometriec equivalence
ratio, found when using different oxidizers.) This reaction
also produced the largest heat transfer coefficient at the
same limits.

A comparison between the heat transfer coefficient at
the fuel rich limit with the heat transfer coefficient at
the fuel lean limit for either propellaht combination, showed
that the limit with the greater adiabatic temperature had
the greater heat transfer coefficient. )

A graph of heat transfer coefficients versus adiabatic
temperatures calculated at all of the unstable region limits,

found using both oxidizers, revealed an almost linear
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relationship between increasing heat transfer coefficient and
increasing adiabatiC‘tempe£ature.

The trend of the larger heat transfer coefficients
being associated with the ﬁarger adiabatic temperatures led
to speculation about the actual temperature of the gases in
the combustion chamber at the unstable region limits.

It was postulated that the combustion gas temperatures
in the chamber were the same at the limits of all of the
unstable regions, regardless of equivalence ratio or prop-
ellant combination. To test the validity of this argument,
the next experiment (Chapter 111-E) was performed to measure
the maximum temperature in the combustion chamber when
hydrogen was burned with both air and helium-oxygen oxidizers.

' The reproducibility and accuracy of this experiment was
affected by two problems: the inability to acquire an oxid-
izer mixture with constant composition throughout the total
volume of the gas, and the inability to accurately calibrate
critical flow orifices.

It was possible to eliminate the errors introduced by
these problems hy following precise, althouch time consuming,
experimental procedures.

Analysis showed that an error of 7% in the equivalence
ratic could be expécted, if the oxygen content of the oxidizer
varied as much as t 3% during a run, This possible error

was minimized by carefully measuring the oxygen content of
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lthe oxidizer before and after each run to estimate an average
oxygen content during the run for calculating equivalence
ratios and the mole fractions of products in the combustion
gases.,

Although the oxidizer specifications cited a 1% deviat-
ion of either constituent in the 80% helium-20% oxygen
oxidizer, the oxygen content of the gas mixture delivered
by the supplier, varied between 17 and 23%. This measure-
ment was made with a Beckman oxygen analyzer.

The uncalibrated orifice was used only during some runs at
equivalence ratios less than one, and less than a 4% error in
equivalence ratio was expected when using the uncalibrated orifice.
This error can be completely eliminated from all data, when an
accurate calibration is made to establish the discharge
coefficient of the orifice,

This problem arose when‘smaller orifices were manufac-
tured for the oxidizer metering system, and no method was
available to calibrate them. Calibration of the existing
orifices was originally done by Pelmas (3), using a specially
built device. Since the device was quite large, it was
dismantled after all orifices had been calibrated.

His calculations showed calibrated orifices of the same
design to have a discharge coefficient of 0.97 for upstream
pressures between 500 and 1300 psig., For lack of a better

method, ideal mass flow calculations were used for the
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uncalibrated orifices corrected by a discharge coefficient
of 0.97. !

To check the actual mass flow through the uncalibrated
orifices (even though a drude check), a run in a stable )
region was made at a constant chamber pressure and constant
fuel flow, noting the oxidizer mass flow through a
calibrated orifice. Then the conditions were duplicated
using an uncalibrated orifice and the mass flow through this
orifice was assumed to be the same as through the known
orifice. The data points that were established by this .

method were within t 2% of the ideal mass flows corrected by

the discharge coefficient,



e ctrer st - on

33.

E. Combustion Gas Temperature at Unstable Region Limits

This experiment was performed to measure the maximum
combustion éhamber temperatures at the experimentally
determined unstable region limits found in the previous
experiments when hydrogen and air and hydrogen and helium-
oxygen oxidizers were burned in the gas rocket motor.

E.1 Procedure

The unstable region limits were found by experiment in
Chapter 111-B and 111-D using different injectors and oxid-
izers. 1In this experiment, temperature measurements were
made with both injector configurations (Figure 4) and both
air and helium-oxygen oxidizers.

All test runs were made at a length of 15 inches,
maintaining a chamber pressure of 100 t 2 psig. This length
was chosen because the fuel rich unstable region limits found
using both oxidizers occured at the same equivalence ratio.
The propellants were premixed in the mixing chamber before
being injected into the combustion chamber.

Five 0.062 inch diameter platinum-platinum plus 10%
rhodium thermocouples with stainless steel shields were
installed in the combustion chamber to measure the temperatures
along the longitudinal axis of the combustion chamber (Figure
10).

The thermocouples were originally positioned 0.75, 1.5,

2.5, 3.5, 4.5 inches from the face of the injector. Later

- e e s
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in the experiment the thermocouple located at 4.5 inches was
removed and was placed 1.125 inches from the injector, to

give a more detailed temperature description of the combustion
zone close to the injector.

The initial tests were made on the stable side of the
fuel rich unstable region limit to preclude possible oxidation
of the stainless steel thermocouple shields.

It was suspected that the thermocouples would be destroyed
\by oxidation when running the motor on the fuel lean side of
stoichiometric, because of the high temperatures and the
presence of excess oxyden in the combustion products.

Later, runs using thermocouples with 0.002 inch rhodium
plating on the stainless steel shield were made on the fuel
lean side of stoichiometric. As suspected, the thermocouple
shields were completely oxidized away before steady run
conditions could be established and before any data could be
taken (less than 10 seLonds).

The exact limit of the unstable region was first deter-a
mined with the thermocouples removed from the motor and the
holes pressure capped and then the run was duplicated with
the.tﬁermocouples in place. In this manner run time was
held to less than 20 seconds, which prevented deterioration
of the thin thermocouple shields from the high temperatures
in the combustion chamber.

After each run, each thermocouple was inspected for
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condition and replaced if it appeared <iscolored or deformed.
and the temperature recorded at that thermocouple was review-
ed for any error caused by the deterioration of the thermo-
couple,

Teméeratures at each thermocouple were recorded measur-
ing from the injector downstream and back again to confirm the
accuracy of the first readings after a time delay. Each
thermocouple was interrogated for one second by means of a
thermocouple selector switch (Chapter 11-G).

Thermocouple readings were taken ten seconds after the
motor had been started, at which time the thermocouples were
at a steady value of temperature. A full set of thermocouple
readings were taken at the fuel rich limit of the unstable
region for each injector using both the helium-oxygen and air
oxidizers.

E.2. Results
Figure 11 shows the gombustion chamber temperature
profiles measured downstream of the six orifice double
triplet injector (a), and the ten orifice injector (b).
Temperatures were measured on the stable side of the fuel
rich unstable region limit when burning both the air and
~ the helium-oxygen oxidizers with hydrogen fuel.
E.3 Discussion
The maximum temperatures measured on the stable side

of the fuel rich unstable region limits for each propellant
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combination differed by only 40°C, with %he highest temper-
atures always recorded when burning the hydrogen and helium-
oxygen propellants.

When the propellants entered the combustion chamber
through the ten orifice injector, higher maximum temperatures
. were measured than when they entered through the six orifice
double triplet injector. The difference in maximum measured
temperatures was attributed to the strong recirculation
pattern caused by the double triplet injector compared to
the ten orifice injector. This strong recirculation pattern
is known tc increase the heat transfer rates to both the
injector and walls of the combustion chamber, therefore
decreasing the maximum temperature in £he chamber.

An analysis of the radiative heat losses (16) from the
thermocouples to the chamber walls, indicated that a
thermocouple would never read more than 40°C below the
actual temperature of the combustion gases formed by the
hydrogen and air reaction, and never more than 20°C below
the actual temperature of the combustion gases formed by the
hydrogen and helium-oxygen reaction.

This analysis showed that the maximum differences between
measured and actual temperatureé occur when the difference
between thermocouple and wall temperature is over 500°c. Any
difference less than 500°C, and the thermocouple corrections

are less than the maximum but still in the ratio of two to one.
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With radiative heat loss corrections applied to the
measured temperatures, the actual temperatures in the
combustion chamber for different propellant combinations
differed by less than 40°¢. At the temperatures being
measured, this amounted to less than a 4% difference and
tended to confirm the postulate that the unstable region limits
do indeed occur at the same combustion chamber temperature.

No temperature data were recorded at the fuel lean
unstable region limits due to sthe rapid destruction of the
thermocouples by oxidation. Further temperature investigation
must be carried out at these limits, using a different scheme
of temperature measurement, not affected by oxidation, to
determine whether the postulate of equal temperatures ‘at all
unstable region limits, regardless of equivalence ratio or
propellant combination is wvalid.

The temperature profiles in Figure 11 clearly define a
distance from the injector face to a point of maximum
combustion chamber temperature, or a reaction zone, in
vhich the combustion reaction had reached completion. The
distance to the point of maximum temperature was dependent
upon only the injector configuration and not upon the
propellant combination being burned in the chamber.

The presénce of this reaction zone confirmed the
assumption made by Crocco and Bortzmeyer (2) and Sirignano

(17), that the reaction zone was very small compared to the
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length of the combustion chamber except for the very small
chamber lengths.

Using the same propellant combination, higher temp~
eratures were measured by the thermocouple (.75 inches
from the six orifice double triplet injector face than the
same distance from the ten ofifice showerhead injector face.
This further confirmed the observation in Chapter 111-B, that
the triplet injector configuration does increase the trans-
port rate of hot gases from the combustion zone to the inj-
ector face,

Temperature measurements taken at the same thermocouple
location during separate runs, using the same oxidizer and
injector, and at the same equivalence ratio, were reprod-
ucible within 5°cC.

It must be noted that the adiabatic combustion temper-
atures calculated in this temperature range (1350-1450°C)
vary about 3.5°C with a change in 0.001 in the eguivalence
ratio. From this it can be seen what magnitude of temp-
erature error might result from the inability to determine
the equivalence ratio to three decimal places and any

unknown oxidizer composition change during the run.
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F. Effect of Chamber Pressure Variation

Throughout the first four experiments, any effect of
chamber pressure variation on the unstable regions and
their limits was eliminated by maintaining a constant chamber
pressure of 100 t 2 psig during all runs. 1In this experiment,
the chamber pressure was maintained constanfnat‘so and 150
psig and effects on the unstable regions noted.

F.l Frocedure

Complete equivalence ratio traverses were made at ten and
20 inch motor lengths and constant chamber pressures of 50 and
150 psig using hydrogen and air as propellants and the ten
orifice showerhead injector.

The equivalence ratios at the limits of the unstable
regions, corrected for temperature an@l gauge pressure error,
and the frgquencies and amplitudes of the pressure oscillations
in,theée regions were recorded.

F.2 Results

No changes in the limits of the unstable regions were
noted when data at 50 psig and 150 psig chamber pressures
were compared. A further comparison of data with the
unstable regions and limits found in the first experiment
(using the six orifice double triplet, hydrogen and air, and
100 psig chamber pressure) revealed no change in the equivalence
ratios at which the unstable regions occured.

when an unstable region was entered by varying the
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equivalence ratio, the chamber pressure would decrease. This
pressure decrease was caused by the increased rates of heat
transfer to the combustion chamﬁer walls,caused by the
instabilities, and resulted in a decrease in the combustion
gas temperature in the chamber.

When a traverse of the unstable region was made, the mean
chamber pressure was maintained constant by increasing the
total mass flow of propellants in the desired equivalence
ratio.

wWhen leaving an unstable region at a constant chamber
pressure, a hysteresis effect on the region limits was
noticed. This effect had the same magnitude as noted in
previous experiments in this report.

The frequencies of chamber pressure oscillations, recorded
at the limits of the unstable regions during this experiment,
at Sb and 150 psig, were compared with the frequencies -
recorded at the same equivalence ratios in the first experi-
ment at 100 psig.

This comparison revealed freguency variations no
greater than 5% between the frequencies found at the
experimentally determined limits at all chamber pressures.
The scatter can be attributed to a change in the speed of
sound in the combustion chamber caused by a small wvariation

in equivalence ratios between comparitive runs.
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G. Wave Form of Unstable Oscillations

Early in 1963, a shock wave theory based on a simplified
model for combustion instability was proposed at Princeton
University (17) predicting a definite relationship between
the form of the oscillatory wave in’the unstable combustion
chamber of a premixed, gaseous propellant rocket motor, and
the type of driving force maintaining the instability.

The following experiment was performed to determine
the pressure versus time wave form of the instabilities in
the combustion chamber so that they could be analysed in
light of the proposed theory.

The fundamental frequencies of the instabilities
were of the same magnitude as the acoustic frequencies
associated with the chamber length and temperature, and
when burning hydrogen and air, were less than 1500 cycles
per second for chamber lengths greater that ten inches.

The wave forms of the instabilities were measured
at different distances downstream from the injector face
with a Dynisco PT49 pressure transducer, with the pressure
sensitive diaphragm (diameter = 0.689 inches) mounted flush
with the inner combustion chamber wall.

The frequency, amplitude and wave form of the instability
were displayed on a Tektronix Type 535, single beam
oscilloscope, and recorded with a Polaroid camera attached

to the oscilloscope.
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The Dynisco transducer had a reasonably flat output/
input response up to ten kilocycles, with a natural frequency
of 22 kilocycles, Low pass filters were used to suppress
the natural frequency of the transducer without suppressing
the higher harmonics of the instabilities being measured.

All ruﬁs were made using the ten orifice injector with
hydrogen and air propellants which were premixed in the
mixing chamber before injection into the combustion chamber.
G.1 Procedure

In order to find out at what length and transducer
position the best wave form could be observed, unstable
runs were made and photographed at varying chamber lengths,
transducer locations, equivalence ratios, low pass filter
values and chamber pressures.

Because of the basic design of the motor sections, and
the locations at which a pressure transducer could be mounted,
the length of 25 inches was chosen after all desired results
were considered. At 25 inches, the transducer could be
mounted at 1.625 inches from the injector, 1.5 inches from
the nozzle entrance and exactly in the middle of the chamber
without any equipment modification. This is the only
length at which such symmetry of transducer location could
be achieved.

After initial runs indicated that the amplitude of

the instabilities were too small to produce greater than



43.

0.1 and 1.2 millivolts of signal from the Dynisco transducer,
the excitation voltage to the transducer was doubled, which
in turn, doubled the output signal. With an excitation
voltage of 20 volts, the Dynisco had a slope of 0.08674"
millivolts per psi.

Before photographing the wave form, the unstable region
was entered and traversed by varying the equivalence ratio
and maintaining a predetermined constant chamber pressure
until the highest wave amplitude was observed. The oscillo-
scope was then set for single sweep operation and triggered
manually to record a one sweep trace on the film.

G.2 Results

Figure 11 shows Polaroid pictures of unstable combustion
wave forms recorded with the Dynisco transducer at three\‘
different locations in the chamber, a 25 inch combustion
chamber length, equivalence ratio = 2.54 and chamber
pressure = 100 psig. The ten orifice injector was used
with hydrogen and air.propellants,. |
G.3 Discussion:

A definite shock wave form was evident in all pictures
(Figure 11) from the initial steep rise and the gradual
decay of pressure as the wave passed across the transducer
face.

Two unsymmetrical pressure rises within the period

of oscillation will be noted in Figure lla and 1llb, when
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the transducer was located close to the ends of the chamber.
The initial steep pressure rise with only a short decay time,
was followed by another steep pressure rise and a long
gradual decay as the wave, rFflected from the end of the
chamber, passed across the transducer again.

The wave form of the shock measured at'the center of
the chamber (Figure llc¢) had two symmetrical pressure rises
within the period of oscillation and the amplitude measured
was almost one half of the ampiitude measured at the ends
of the chamber.

The general wave form of the instabilities measured
at different locations, agreed with the expected form of
a shock wave oscillating at the acoustic frequency of the
chamber, but the recorded form of the wave was unacceptable
for purposes of analysis.

Using the Dynisco transducer, the wave form appeared to
change during the run, while the frequency and amplitude
remained constant. This,and the presence of high frequencies
superimposed on the fundamental frequency,made it impossible
to analyze the slope bf the decaying portion of the wave.

It was felt that further experiment§ should be performed
to determine the relationship between a smaller pressure
sensing diaphragm diameter and the reproducibility of wave
form. Since in the limiting case, a transducer with a

sensing element diameter approaching zero, would give the
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most accurate pressure description of thelpassage of a shock
wave, Also with better frequency filtering, the high
frequencies superimposed on the fundamental frequency could
be eliminated without disturbing the true wave form and a

detailed mathematical analysis of the wave could be performed.
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CONCLUSIONS

Experiments indicated that the model chosen to describe
the driving mechanism of the instability in the theory
proposed by Crocco and Bortzmeyer (2), ie: an oscillating
heat transfer to the injector plug coupled with a pressure
oscillation in the combustion chamber, is not a valid model
for this rocket motor. This theory predicted the presence
cf instabilities as a function of a dimensignless heat transfer

. - h* . . . .
coefficient, h = ¥ a function of the dimensional heat

C '

p .
transfer coefficient, h*, at the injector surface, specific
heat, Cp, and mass flow rate, m*. In the theory, the onset

of instability was found 'to be sensitive to small changes in

h, (Reference 2, Figures 3 and 4).

Experimental evidence in this report showed that large
changes in the heat transfer rate to the injector did not
affect the occurrence of instability, the equivalence ratio
limits which bordered the regions of instability, or the

frequency of the instability.

A detailed analysis of the heat transport properties of
the product gases found at the experimentally détermined
unstable region limits indicated an almost linear relationship
between a rising heat transfer coefficient and a rising
adiabatic combustion temperature. This observation led to

further consideration of a postulate (3) that, the unstable
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region limits encountered when using different propellant
combinations in the gas rocket motor, occurred at the same

actual combustion chamber temperature.

The early experiments of Bertrand (4) were concerned
with the similarity at the unstable region limits of the

adiabatic temperatures of combustion and the temperatures

=

measured by one thermocouple located 3.75 inches downstream
of the injector. These experiments left large discrepancies
between the postulated similar temperatures and the measured
temperatures, because, as determined in this report, the
thermocouple was not 'measuring comparable temperatures in

the reaction zone.

Experiments were carried out with a greater accuracy
for further verification of the postulate that equal

temperatures existed at the experimentally determined limits.
!
Experimental difficulties prevented temperature

comparisons at the fuel lean region limits, but a
comparison of the actual combustion temperature at the fuel
rich limit revealed less than a 40°C difference in the

combustion temperatures.

A definite reaction zone was measured in the combustion
chamber, indicating that the combustion reaction had reached

completion in a distance less than 1.5 inches downstream
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of the injector face.

It was also shown that large changes in the combustion
chamber pressure had no effect on regions of instability and

their limits found during the experiments performed.

Finally, it was experimentally determined that the
harmonic pressure oscillations in the combustion chamber were
shock waves travelling at the acoustic frequency of the
chamber. This result would appear to lend some credence to

the shock wave model chosen in Reference 17.

It is felt that further experiments must be performed
to explore more deeply the unstable region limit dependence
on the actual combustion chamber temperature regardless of
propellants, and the new consequences of the shock wave

model for combustion instability.

U,
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