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Preface

The Space Programs Summary is a two-volume bimonthly publication of the Jet Propul-
sion Laboratory. Research and development activities conducted by JPL having specific
application to space programs under the sponsorship of the National Aeronautics and
Space Administration are reported in this publication. Unclassified and classified activi-
ties will be documented in Volumes | and |l, respectively.

The projects reported herein were undertaken in partial fulfillment of National Aero-
nautics and Space Administration Contract NAS 7-100.
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|. Lunar Program

At 03:12 EST on November 18, 1961, Ranger Il was launched from Cape
Canaveral into a low Earth orbit. The spacecraft re-entered the atmosphere that
same night. As in the case of Ranger I, scientific results of the flight were slight,
but spacecraft engineering data again showed that the spacecraft survived the
launch environment and performed all of its programmed functions in orbit.

The Ranger RA-3 spacecraft and launch vehicle are at Air Force Missile Test
Center (AFMTC) being prepared for the first Ranger lunar mission attempt.

Il. Planetary-Interplanetary Program

Procurement and fabrication of Mariner R assemblies have been largely com-
pleted. Assembly of the first spacecraft is scheduled to begin in early January 1962,
Preliminary design of Mariner B is proceeding as planned.

lll. Deep Space Instrumentation Facility

Telemetry data from the nonstandard Ranger 1! trajectory was obtained by
the Mobile Tracking Station on 2 passes.

To aid in the design of the Advanced Antenna System (AAS) various tests and
studies have been conducted. These include foundation studies, wind measure-
ments, wind tunnel tests, and structural, servo and RF feed tests. The Echo Site
85-ft Az-El antenna will soon be moved to a new location at Goldstone where
it will be used for research and development. A new 30-ft antenna will be
installed near it, and a new 85-ft HA-Dec antenna will be installed at the Echo
Site for operational use.

Performance of the Cassegrain feed system has been improved by a modification
in its optical design.

CONFIDENTIAL 1
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PART TWO
LUNAR PROGRAM
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I. Ranger

Ranger 11 was launched on November 18 at 03:12 EST,
after a countdown that was unusually smooth; the only
delays were for correction of minor difficulties in the
Agena umbilicals and in the Atlas LOX tanking mcas-
urement.

The Atlas performance was completely satisfactory,
despite a minor error in staging time, and the Agena 1+
burn (to acquire parking-orbit speed) took place on
schedule. The 2" burn did not occur. As in the case of
Ranger I, the spacecraft was left in a low Earth orbit,
instead of the desired near-escape trajectory. Agena
telemetry records show that the cause of the Ranger 11
failure was entirely diffcrent from that of Ranger I. On
Ranger I the Agena roll gyro was inoperative through-
out the flight. With no roll control, the Agena depleted
its attitude-control gas supply shortly after the 1* burn,
and was tumbling at the time of 2 burn. The 2™ burn
start sequence began on schedule, and the engine ignited
but immediately shut down, probably because of gas
ingestion due to the tumbling motion.

Data was received from Ranger IT at all DSIF stations
during its bricf flight, which probably terminated after

CONFIDENTIAL

6 orbits. As in the case of Ranger 1, all spacecraft sub-
systems were determined to be operating, but the scien-
tific results of the flight were slight. The ground portiun
of the system operated better than in Ranger I, in that
real time data operations were achieved both before
and after injection. All functions other than Agena 2
burn (e.g., spacecraft scparation, solar panel extensions,
etc.) took place as planned.

The risk of the Ranger RA-3 mission is, of course,
increased by the Ranger I and H failures, because the
stabilized cruise mode of the spacecraft attitude-control
system still remains to be demonstrated; until it is, little
confidence can be placed in the mid-course and terminal
manecuver sequences required for the lunar mission.
Nevertheless, the preparations for launching RA-3 remain
on schedule. The RA-3 spacecraft, Agena 6003, and Atlas
17D successfully completed a joint flight acceptance
and compatibility (J-FACT) test on January 5, 1962, at
AMR. The Acronutronic lunar capsule was shipped to
AMR on the same day. The spare capsule, however,
developed a destructive internal short circuit, and efforts
to prepare a 2™ spare were immediately started.
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A. Systems

1. Ranger | Trajectory

The Ranger 1 spaceccaft was placed in a low Earth
orbit on August 23, 1961. The standard trajectory was
essentially achieved up to ejection from the parking orbit;
a component failure in the propulsion system of the
Agena B prevented Ranger I from achieving the required
velocity increment for standard flight.

a. Ascent. Liftoff was normal, with al! systems oper-
ating properly. The Atlas performance during ascent was
satisfactory (Ref 1). The guidance system initiated the
cutoffs of the engines at near-nominal times, and the coast
ellipse prior to Atlas-Agena B separation was within
specifications. The Atlas-Agena B separation sequence
was performed satisfactorily followed by expected stabili-
zation and pitch-down controls. The Agena B timers were
started by Atlas guidance commands and the 2" stage
sequence of events was normal. Agena 1** burn data indi-
cated that the proper parking orbit was achieved.

A malfunction in the Agena B engine 2" burn ignition
sequence allowed the gas generator to start but kept the
main fuel valve closed. A small velocity gain
of 84 m/sec was obtained during the pro-

grammed 2" burn due to the expulsion of
oxidizer. The net loss of approximately 3100 m/sec of
velocity to be gained during 2" burn resulted in an Earth
orbit having an apogee altitude of only 313 mi.

Since 2" burn was not attained, the velocity meter did
not initiate the engine shutdown function; this event was
performed by the timer backup signal. Separation of the
spacecraft from the Agena at 1530 sec followed. Teleme-
try indicated a separation velocity of approximately 0.6
m,sec with approximately 0.15-sec separation time. Fol-
lowing separation of the spacecraft, the Agena performed
the required yaw-pitch maneuver in preparation for firing
of its retrorocket. The retrorocket fired and the subsequent
altering of the Agena trajectory (to prevent the Agena
from following the spacecraft trajectory) was successful.

b. Postinjection. The characteristics of the postinjection
trajectory are presented in Table 1. These are the best
obtainable parameters using an orbit determination pro-
gram (ODP) available at JPL. The ODP is designed for
use with deep space probes similar to the Ranger I stand-
ard trajectory and, therefore, lacks certain features which
are mandatory for the determination of low orbits. The
most important of these features is the exclusion of any
type of drag effect experienced by the spacecraft during
the decay of its orbit. As a result, it was necessary to

Table 1. Orbital parameters of Ranger |

Tiene of injoction

Spach of periconter pascage

Peried, min
Avgest 5 <
L]
1961 x Y z X Y i . ] - Apogee,
[} ¢ 0 v Y . . u ’ Poriges, mi
8:23-61,10:20:2¢ 8-23-41, 10:27:22.10¢ 1.148)
L2} -0.2437048684° 0.40054081¢84 0.892072218) 0.5984535181 0.30579207¢) —0.415647 9981 709.03 329183 97780 | MY
0.6342104084 0.7037128481 0.34290299¢) 0.750589978) 0.8338124081 0.12640011883 0.024011 | 279.81¢9 - 3.260% | 105.597
§-24-4), 5.2000 8-24-81, 4:38:42.202 90.8246
u 0.19937675¢4 0.66002109¢4 0.717001478) 0.4115925281 0.18709918¢\ 0.4037910181 649).63 329237 206.028 200014
0.60277530¢4 0.6034657481 0.2313248782 0.71507238¢1 0.3483379420 0.5544403482 0.020846 | 274.179) 164.224 132
8-25-6), 1.3000 8:25-61, 1.:47.48.742 90.483¢
25 — 0.3448756284 0.48112033¢84 0.2471080384 0.4943629981 0.3320014181 —0.00742938) 76.37 32.9008 215.020 77.092
0.6335648984 - 0.22215687¢2 0.126734068) 0.749387 2081 0.1990348380 0.116335%0¢83 0.021334| 248.1312 9.004 100,045
8-26-41,0.2000 0-20-61,0:23.29.17¢ 90.1401
2 0.2003104084 0.59413022¢4 0.18579142¢4 - 0.617976408) 0.326061238) - 0.36375649¢1 “®N4 32.9074 123 255.623
0.65393933¢4 0.16508720¢2 0.1296156482 0.7400200281 0.2730124480 0.12057164t) 0018598 | 261.379¢ | 14.440 101.686
8-27-61,0.1500 $-17-61,0:22,46.763 $9.7370
L4 0.326236878) 0.640074 2184 0.13300634¢84 0.640059208) 0.122790968) 0.39452908¢ 1 $609.59 2N 224122 0.0
0.6340347584 0.1171877782 0.114160857¢8) 0.7450175881 - 0.5110160280 0.12202820863 0016117 | 254.2260 .00 99.006
8-28-61,0:1000 0.20-61,0:16:1.98¢ [ ALAE}
L] 0.1339560084 0.59339534¢E4 0.2219496384 0.65%60101 81 0.200481668) 0.32160627€1 6612.66 32.907¢ 245768 202914
0.6334600984 0.207905)382 0.124377628) 0.74585742¢81 0.J268302100 0.11760648¢8) 0012079 | 246.9342 24.974 .23
l,V,l.l.V,l—f ight-hended, oquaterial, spece fined U ot di tom. I ¥ umed to lie aleng the Berth i ittve nerth, X is nermel to 2
. ":..Mn n !M llvmlon J the vv:nl oquinex, lhn hm/soc. v " - sein aals. pusitive *
neo 2 1-handed, Carth contered, squaterial, Earth fined icel di R s Eorth conter in k gescaniric latitvde momsured osqueteriel plene
(LA i T Al - e Groemerieh mavidion posinve. e s o raad e e T reterial e
craft with respect to local heritontel in deg,  is szimuth engle of v messvred emt of mn nerth in deg.
o semi-mojer enis, hm. 11 lengitude of sseending nede, dey.
o eccentricity w  argument of periges, deg.
i inclination of orbit plane te equatorial plune, deg » ttve enomely, deg.
All times ore in OMT
*--0.2437040684 2437 0406,
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Table 2. Sequence of Hight events

Bvent m A&M'I“Olmo,
LitloH (GMT) 0 10:04:10.32
Atlas booster cutotf 132.7 136.23
Atigs booster engine separation - 130.90
Start Agene restart timer 247.3 246.27 0.1
Atlas sustainer cuteft 276.4 273.50
$tart Agene primary D-timer 205.8 208,06 £0.11
ANes vernier cuteft 2083 289.91
Nose shroud pin puller squibs Fire 296.8 201,00
Mid-body pin pullers and retrorockets Fire 299.8 204.97
Jottison horizon scanner fairing 307.56° 307.60
Initiate — 100 deg/min pitch rate 314.06° 31401 £0.N
Transfer to — .54 deg/min pitch rote 317.06* 317.07 £0.11
Utlage rockets Pire (1°° burn) 337.06° 337902
Telemeter signal acquire (Antigue,

station 9.1) —_— 344.60
Ges Generater | Fire (1°* burn) 349.06° 349.03 £0.11
Thrust attainment, 90% P, (1°* burn) 350.01¢ 350.58
Tolemeter signol lees (Cope Canaveral,

Stotien 1) —_— 458
Engine cuteft, 70% P, (1°* burn) 499.41° 499.48
Surning duratien (1** burn) 149.10 148.90
MHorizen scanner pesition squib Fire 516.06° 516.10
Helium valve Off Squib 2 Fire 516.06° 516.10
Step Agene primery D-timer 520.06° 520.10
Tolometer signal loes (Antiguo, Stetion 9.1) -— 766.00
Tolometor signal acquire {Asconsi

Station 12) —_— 1152.29
Restort Agenc primary D-timer 1266.27° | 1267.25 £0.11
Ullege reckets Fire (2™ burn) 1221.28° 1221.37 £0.11
Transfer 10 —4.74 deg/min pitch rote 1271.25¢ 1271.37 £0.M
Gas Generater 2 Fire (2™ burn) 1283.25° | 1283.35 £0.03
Theust attainment, 90% P, (2* burn) 1204.50" -_—
Engine cutei, 20% P. (2** burn) 1373.50° | 1390.32 £0.031
Surning duration {2 burn) 89.00 %6.97°
Stort telemetry Colibrete 1300.25° 1301.38
Payleed interface connecter Fire 1525.25° 1525.33
Poylead pin pullers Fire 1520.25° | 1530.35
Agene—Renger sepavetion complete -— 1530.51
Initite 100-deg/min yaw rote 1533.25° | 1523.31 £0.N
Telemetry signal loss (Ascension,

Station 12) —_ 1583.08
Remele yow pregram 1593.25° -
Transfer 10 5.53-deg/min pitch rate 1593.28° -
Retrorocket Fire 1920.25° —

“Shutdewn of relay signel.
Durstion of gus ¢ pe
Not avellable.

Verification of event only.

sAdjvsted for primery D-timer start of 200.06 sec.
SAdjusted fer restart D-timer start of 246.27 sec.
¢Adjvsted for primary D-timer resturt of 1267.25 sec.

JPL SPACE PROGRAMS SUMMARY NO. 37-13

redetermine the orbit for each excursion about the Earth.
The final orbit of Ranger I will be determined by Goddard
Space Flight Center using techniques developed for low
altitude satellites.

There are 8 orbits available in Table 1, 1 for each day.
The epoch on each day was chosen to be just prior to the
start of the set of new periods at Woomera. The orbit
defined is representative of the actual orbit up to the
last new pericu at Johannesburg, a duration of approxi-
mately 14 hr.

c. Standard and actual trafectories. A comparison of
standard and actual trajectory parameters is presented
in Tables 2 through 6. Table 2 compares the sequence of
flight events; Table 3 compares the Atlas coast apogee
conditions; Table 4 compares the parking orbit param-
eters; Table 5 compares the injection conditions, and
Table 8 compares the orbit parameters at injection. In
general, satisfactory agreement exists with the exception

Table 3. Atlas ceast apogee conditions

.- ”s-16
Roal time

Paremeter Predicted reder
Vocter | | VoOhor 2 | iiation
Inertial velocity, m/sec 5646.72 5634.65 56435.52 5650.08
Altitude, km 184.3369 | 1819107 | 184.62906| 184.43558

Orbital inclination

angle, deg J2.62 3263 32.62 32.61

Table 4. Parking orbit parameters

Itom N+ N* A+ N | (A+N$S°| WL dote
Perigee, km 6552.477 6548.028 6554.054 6545.704
APerigee 5.449 - 0577 7.693
Aperee, ki 6567.648 6582.615 6596.520 6614.216
AApeges —15.967 -—20.082 —46.568
Per’~d, min 88.129 00.245 08.436 88.531
APeriod - 0.106 - 0.297 - 0.392
Eccentricity 0.00108 0.00271 0.0032) 0.0052
Alccontricity - 0.00163| — 000215| — 0.00412
perigee, km 4.1 35.587 42,476 68.422
Inclination 32.699 32770 32.77% 32.85
ongle, deg
Nede {1, deg - —_ —_— 279.00
Argument of —_ - —_ 194.60
perigee v, dog
Position of epoch, —_ —_ — 136.50
w4+ v, deg
Epoch — - .- Avg. 23, 1961
15:12:28
N 4 N = neminel Atics 4 nominal Agene.
A 4+ N = uctval Atles 4 neminal Agene.
A+ N4 3= A + N + ectvsl ignitien and burneut.
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of Tables 5 and 6 which show large differences since
nominal injection was not obtained (Fig 1).

2, Ranger Il Trajectory

Ranger II was placed in a low Earth orbit on Novem-
ber 18, 1961. The standard trajectory was essentially
achieved up to ejection from the parking orbit; a com-
ponent frilure in the attitude control system of the
Agena B prevented Ranger II from achieving the required
velocity increment for standard flight.

initiated the cutoffs of the engines at near-nominal
times, and the coast ellipse prior to Atlas-Agena B
separation was within specifications. The Atlas-
Agena B separation sequence was performed satisfactor-
ily. After separation, the Agena B spacecraft vehicle
exhibited instability in roll due to lack of proper signals
from the Agena B roll gyro. Analysis of the Agena B
flight data shows that the Agena B roll gyro stopped
spinning between the gyro checks made at T —260 min

Table 6. Orbit parameters

a. Ascent. Liftoff was normal. Atlas performance during Conic parameters &t Injection Predicted Actuol

ascent was satisfactory (Ref 2). The guidance system Twice total energy/unit moss Cs, km?/sec’ -0.662,272 | —59.4131
Angular Momentum C,, km*/sec 72,1559 51,6969
| Semi-major axis a, km 640,561 6709.03
Table 5. Injection conditions ~ Semi.-minor axis b, km 9470 | 668818
* Eccentricity o 0.989752 | 0.0249M)
Paremeter Predicied mmm Period of revolution, min 85,035.2 91.1483

" Inclination of the plane of the orbit to
Time from launch, sec 1372.4233 1346.32 ‘ the equatorial plane i, deg 32.0022 32.920)
Radivs vector, km 6569.4743 6542.1648 [ Longitude of the ding node 1, deg 279.761 279.8149
Earth-fined velocity, m/sec 10,588.022) 7505.8997 . Argument of perigee w, deg 194.003 197.788
Earth-fixed flight path angle, deg 1.6251180 —0.0833012 ‘ Clotest approach distance, km 4564.54 6564.19
Geocentric latitude, deg —9.192979) —7.8371284 | . Apogee distance, km 1,274,557 6876.11
Llongitude, deg 346.170945 343.962990 | Time from periges possoge, sec 2.0 —4a7.1
Eorth-fined azimuth, deg 122.970366 124 001180 l Trve anomaly v, deg 3.14822 —J.2601

STANDARD T vAJECTORY
Q

RANGER I ACTUAL TRAJECTORY

RANGER I ACTUAL TRAJECTORY

APOGEE

PARKING ORBIT

EARTH

ASCENSION ISLAND

INJECTION; PERIGEE
AGENA 2"9 BURN IGNITION

PARKING ORBIT INJECTION
v AGENA 1' BURN IGNITION

ATLAS CUTOFF
A\ LAUNCH

mooN ) —-»

Figure 1. Ranger | and N orbits
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during the countdown and the Atlas roll program exe-
cuted shortly after liftoff.

The Agena B pitch-down program, occurring soon
after Atlas-Agena B separation, was satisfactory so that

the Agena B 1** burn carried the vehicle safely under the
jettisoned shroud and into a nominal parking orbit. How-
ever, a high roll rate occurred during the 1** burn period
due to the roll gyro failure. As a result, Agena B guidance
gas depletion occurred shortly after the burn period. The

Table 7. Orbital parameters of Ranger Il, November 18, 1961

Time of injection Epoech of periconter parsage Poried, min
. T . .
X 13 4 X i v H . ' Apoges, mi
* @ 0 v | Y v . ! y Porigee, mi
9:33:44.202 sec 8:01:32.460 sec 08.5274
~0.6345918084° 0.1605443684 0.6534355882 0.12930222¢) i 0.6400196081 0.4193510681 4579.8) 33015 59.008 146.029
0.6590362184 0.568331498) 0.339542008) 0.73630072¢1 0.1951060680 0.124%0519¢) 0.004292 336.4170 131.2020 "2
XY.2X V.? e -s.m potr i :‘ mnntl zﬂuh‘. oo W l:: gy i L di systom. I is assumed to lio sieng the Rarth spin enis, petitive nerth, X is normal to 2
"""'“"‘3?.'.‘...2‘1."..':"'... s fulbiomsd iL ks Breare, """"“"""""“‘.‘.7’.‘.’;'5".‘..'."..-..4..«.'5"".?../ i o v
Mvﬁm Iud.hurnmdhdnuhnMUt.hdvmmldMMhh i v m?'Mﬂ" bt
@ = wmi-majer anis, hm. U lengitude of asconding nede, deg.
» T2 ecconteicity. «  argument of peariges, dog.
i = inclination of orbit plane to squaterial plene, dog. r  wue snemely, deg
Al times are in GMT
. 0.43490084 - -6MINN
Table 8. Sequence of flight events
Predicted time, Actuel time, Predicted time, Actvel time,
Gvent oc sec Event ¢ soc
Litteff (GMT) 0 08:12:21.502 Helium valve Off Squib 2 Fire 523.0° =
Atlas booster cutoff 1383 136.4 Stop Agena primary D-timer 527.0° 5271
Atlos boost - poroti - - Telemeter signol loss
Stort Agena resiart timer 2490 2539 . .(A'm'“‘ Station 9.1) - 7020
Atlas sustainer cvtof! 781 2002 e _ 11250
Start Agena primary D-timer 6.5 220 Restart primary D-timer 1268.9° 1265.9
Atlas vernier culof! 1952 w57 Uliage rockets Fire (2nd burn) 1269.9¢ 12609 (No. 3)
Nose shroud pin puller squibs 1282.7 (Ne. 1)
Fire 297.5 977 Transter to — 4.68 deg/min
Mid-body pin pullers and pitch rote 1269.9* =t
retrorockets Fire 300.5 300.7 Gas Generator 2 Fire (2nd burn) 12019¢ 12019
Jettison horizon scanner foiring 313.0° 3.2 Thrust ottainment, 90% P.
Initiote — 173 deg/min (2nd burn) 1282.9* 1202.8
pitch rate o 32 Engine cutoff, 70% P, (2nd burn) 1374.2° 12028
Transter 10 —3.36 deg/min Surning duration (2nd byrn) 90.) [}
pitch rate 321.0° N
Start telemetry calibeate 1381.9¢ 13024
Ulloge rockets Fire {1st burn) 341.0° 341.2 R
Payload interface connector Fire 1526.9* -*
Telemeter signol acquire ,
(Antigua, Stotien 9.1) - 3520 Paylead pin pullers Fire 15319 1531.8
Gas Generator 1 Fire (13! burn) 353.0° 3530 Ageno—Ranger separation
complete - -
Thrust attainment, 909% P,
(1st burn) 134.5° 38544 Initiate 180 deg/min yaw rate 1534.9* 1534.7
Telometer signal loss Remove yow program 1534.9* .595.0
(Cape Canaveral, Station 1) - 4730 Transter to 5.55 deg/min
Engine cutoff, 70%P. (15! burn} 506.6° 508.4 pitch rate 1534.9 15950
Burning duration (13t burn) 151.7 154.0 Telemetry signal loss
I {Ascension, Station 12) - 1640.0
Horizon scanner position squib
Fire 523.0° — Retrorocke! Fire 1921.9¢ -
sAdjusted for primory D-timer start of 292.0 sec. SAdjusted for primary D-timer restort of 1263.9 sec.
*Not avsilable. *Veritication of event only.

cAdjusted for restart D- timer start of 252.9 sec.
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exhaustion of guidance gas caused vehicle tumbling in
all 3 axes.

Vehicle tumbling apparently prevented proper pro-
pellant ullage control. Engine shutdown occurred imme-
diately after 2" burn ignition, probably due to ingestion
of pressurization gas. Second burn ignition imparted
approximately 8.2 m/sec impulse to the vehicles. The net
loss of approximately 3176 m/scc of velocity *o be gained
during 2" burn resulted in an Earth orbit having an
apogee altitude of only 146 mi.

Spacecraft separation and Agena B retrorocket firing
occurred at the proper times. No 180-deg vaw mancuver
was performed by the Agena B due to guidance gas
depletion.

b. Postinjection. The characteristics of the postinjection
trajectory (Ref 3) are presented in Table 7. These are the
best obtainable parameters using the ODP. The final orbit
of Ranger 11 will be determined by Goddard Space Flight
Center using techniques developed especially for low
altitude satellites.

Table 7 presents only 1 representative orbit since the
lifetime of Ranger 11 was approximately 1 day. The decay
due to drag was significant after the 1" several orbits.

c. Standard and actual trajectories. A comparison of
standard and actual trajectory parameters is presented
in Tables 8 through 12. Table 8 compares the sequence
of flight events, Table 9 compares the Atlas coast apogee
conditions, Table 10 compares the parking orbit param-
eters, Table 11 compares the injection conditions, and
Table 12 compares the orbit parameters at injection. In
general, satisfactory agreement exists with the exception
of Tables 11 and 12 which show large differences since
nominal injection was not obtained (Fig 1).

Table 9. Atlas coast apogee conditions

Table 10. Parking orbit parameters

G.E.~Burreughs
Parameter Predicted [\, o« | o5 Veco | 0.1
sec sec
Inertial velocity, m/sec 5646.4 5650.7 5652.5
Altitude, km 185.5 185.9 1043
Orbital inclination, deg 32614 32.605 32.603

*Yernier engine cutoff.

Parameter Nominal JPL dote
Periges, km 6561.4 6502.331
A Periges 591
Apogee, km 65751 6640.055
A Apogee —65.0
Period, min 88.3 88.354
A Period —0.1
Eccentricity 0.00105 0.0105
A Eccentricity —0.00945
Apogee—perigee, km 137 137.724
inclination angle, deg 32.584 33.173
Node §!, deg — 336.62
Argument of perigee, w deg —_ 54,04
Position of epoch, w + Y., deg —_ 137.76
Epoch —_ November 18, 1961
8:20:49
Table 1). Injection conditions
Parameter Predicted m::'ﬁm
Time from lounch, sec 1371.4055 1282.9
Rodivs vector, km 6568.9782 6598.3621
Earth-fixed velocity, m/sec 10,507.0210 7363.8872
Earth-fixed flight path, angle, deg 1.7238 0.1951
Geocentric lotitude, deg —9.0679 ~—5.683)
longitude, deg 3461921 339.54)
Eorth-fized azimuth, deg 122.8447 124.9052
Table 12. Orbit parameters
Ceonic p fors ot injecti Predicted Actual
Twice total energy/unit mass C;, km’/sec’ —~0.621,909 | —60.5798
Angulor momentum C,, km’/sec 72,150.0 s1L212.1
Semi-mojor oxis 0, km 640,934.0 6579.80
Semi-minor axis b, km 91,4880 6579.75
Eccentricity o 0.989760 0.004292
Period of revoluation, min 85,104.0 00.5274
Inclination of the plane of the orbit to
the equatorial plane i, deg 32.6557 33.23183
Longitude of the ascending node (I, deg 325.832 336.4170
Argument of perigee w, deg 193.644 59.0854
Closest approach distance, km 6561.43 6551.57
Apoges distance, km 1,275,304.5 6600.04
Time from perigee passage, sec 34.82 1931.8
Truve anomaly v, deg 3.33910 131.2020
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B. Engineering Mechanics

1. Equipment Packaging

The major portion of the Ranger RA-6, -7, -8, and -9
equipment packaging remains unchanged from the RA-3,
-4, and -5 configuration. However, there are some
additions and changes which were necessitated due to
repackaging of the L-Band communications assembly,
the replacement of the scientific instruments and telescope
electronics assembly of Electronics Assembly 11 with the
S-band ranging experiment, and the addition of scientific
instruments for radiation measurements,

a. Electronics Assembly 11, L-band communications.
This assembly has been completely repackaged to incor-
porate the electronics and other RF cquipment into
standard module form. The drawings of this new assem-
bly have been released and many of the subchassis and
assembly chassis have been ordered or delivered. A band
separator will be housed in the communications chassis
when the S-band ranging experiment is flown. This addi-
tional subassembly will be used on RA-S and 9.

b. Electronics Assembly HI, S-band ranging experi.
ment. This assembly will be flown only on RA-S and -9,
and will require dummy modules for RA-5, -6, and -7, In
addition to the modules required tor operation of the
S-band ranging experiment, 4 modules of the data con-
tioning system will be housed in the  assembly case for
RA-3 through -9. Drawings of the S-band subassemblies
are in process and procurement of the associated pack-
aging hardware will follow.

¢. Scientific instruments. These instruments consist of
3 radiation experiments: a tisswe equivalent ionization
chamber, a particle flux detector, and a Ncher-type
ionization chamber. The particle flux detector and the
Neher ionization chamber are similar to Mariner R con-
figurations. The tissue cquivalent jonization chamber iy
a completely new unit.

Due to procurement scheduling problems of electronice
equipment, the Neher ionization chamber will be aboard
the RA5 through -9; the particle flux detector and the
tissue cquivalent jonization chamber will be on RA-S
and -9. The addition of the latter experiments will reguire
shifting  the associated  electronics  within Cases I
ana ...

2, Spacecraft Design

a. Mechanical and  structural system.  Analvsis of
telemetry data from the Ranger Iand 1 Blights indicates
that the spacecraft mechanical and structural system
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functioned properly; no modifications to these arcas are
necessary  for future flights. Despite the nonstandard
orbits attained in these flights, it was possible to analyze
the spaceeraft temperature data, It is concluded that the
temperature control system of the spacecraft  functioned
satisfactorily on these flights, and also would have done
s0 had the spacecraft attained the proper orbits,

For Rangers RA-6, -7, -8, and -9, the electronic and
structural requirements for the high gain L- and S-band
antennas require no changes to the existing Agena-Ranger
interface, thus ensuring complete interchangeability.

similarly, the mechanical and thermal interfaces be-
tween TV capsule and bus require only minor differences
in fittings and paint patterns. The basic requirement of
bus interchangeability between Ranger RA-3 and -6 type
missions remains unimpaired.

3. Modal Vibration Tests

Mode shapes and natural frequencies have been inves-
tigated for the Ranger RA-3 vehicle. The test vehicle was
the Ranger proof test model, which is structurally the
same as RA-3. The test specimen was mounted to a rigid
support ring, which in turn was bolted to a concrete floor.
Several modal vibration shakers were used to excite the

—

Figure 2. Setup for angle vs torque tests
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various normal modes. Significant results were
natural vehicle cantilever frequencies of 16.1
163, 345, and 35.1 cps and a natural vehicle
torsional frequency of 37.8 cps. Structural damping
coefficients were found to be .04 in the I mode and
0.08 in the 27 mode.

A shake test was conducted on the freely suspended
Ranger RA-3 dynamic equivalent mockup (Figs 2, 3). The
purpose of the test was to allow investigation of the
vehicle angle versus applied torque for a limited fre-
quency range. The test verified the theoretical calealation
for this frequency range.

! ‘\‘

nd

--

Figure 3. Freely suspended Ranger RA-3
dynamic equivalent mockup

C. Propulsion

The Ranger spaceeraft will perform a single mid-course

propulsion  mancuver to remove  or reduce  the

injection dispersion errors,

10

This maneuver will be accomplished using a small,
monopropellant hydrazine-fueled propulsion system of
50-1b vacuum thrust. This propulsion system will be capa-
ble of delivering a variable total impulse in conjunction
with an integrating accelerometer system.

All valving functions on the propulsion system are
accomplished  using  explosively actuated valves. On
Rangers RA-5 through RA-9, recently developed dual-
bridgewire hermetically sealed squibs will be used in the
explosive valves in lieu of single-bridgewire squibs to
attain a high degree of reliability. A detailed description
of the propulsion system, the operational design philoso-
phy, and a system schematic are contained in SPS 37-3.
Developmental progress is reported in SPS 37-3 through
37-12,

During this reporting period, project activities have
consisted primarily of fabrication and procurement of
parts for the RA-5 through RA-9 propulsion systems, flight
acceptance testing of the parts, and the generation of
specifications and operating procedures required for pre-
launch and launch activities.

D. Lunar Capsule

1. Introduction and Summary

Under subcontract for the development of a complete
lnnar capsule subsystem, Acronutronic Division of Ford
Motor Company is supplying a lunar seismographic cap-
sule and ancillary equipments for Rangers RA-3, -4, and
-5. As the Ranger spacecraft approaches the Moon, the
capsule will be separated from the spacecraft and braked
to allow a survivable landing which will emplace a sensi-
tive scismometer on the lunar surface. Data from the
scismometer will then be relaved to Farth receiving
stations.

As a result of the simulated huinar landing (SLL) tests
and subsequent mechanical modifications, a series of
separate, major developmental tests were instituted on
the capsule electronics, the ordnance assemblies, the
insulation and thermal control system, and basie struc-
ture of the survival sphere and the impact limiter.

Two subassemblies of the survival sphere, the main
batteries and the voltage-controlled subcarrier oscillator
(VCO), both fabricated under subcontract, developed
problems. Both had been previously qualified and were
regarded to be nearly finished items. Because of changes
or crrors in fabrication procedures, the units delivered
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failed in late development tests. Efforts were required in  completed landing spheres to provide necessary assur-
design and quality control {0 make required revisions  ance that the revised parts were qualified in a manner
and produce new units on a schedule consistent with  consistent with the entire sphere.

design proof testing to meet the flight schedule. A parallel

VCO effort was also instituted. All the vendors are now The altimeter has been completed, and Wiley Elec-
delivering units constructed to rigid process standards on  tronics has delivered them on schedule.

the required schedule.
q The retrorocket program, after an extensive staffing

Two final design proof tests of complete landing  revision, has proceeded well. Previously encountered fail-
spheres were planned, 1 an airplane drop, the other a  ures were successfully diagnosed, and corrections were
testing machine impact. Tests were delayed several weeks  confirmed by test firings. The support structures, squibs,
by unfavorable development test results and subassembly ~ clamps and associated equipment, and the power and
deliveries. Furthermore, it was deemed necessary to  sequencing assembly are completed and available for
introduce 2 more design proof test impacts of partially  flight.

Table 13. Design proof test program summary

Test No. Component Completed dote Resuits

st Separotion clamp 11.27-81 Change in clamp configuration to add guord for radiation shield retroc-
tion and minor chonge in elecirical contocts required repect of
seporation test 1o obtain tip off impulse ond seporation time, and
repeat of shake test. Clamp seporation met specification.

82 Spin motor 12-20-61 Test fAixture problems held up test. Five ds fired fully. Design
adequate for fight.

[ 7] Explosive bolt cutter 11-17-61 Design qualified.

[ 4] Altimeter 9-15-61 Detign quolified.

86 Payload (seperation) 9-9-61 Design qualifled. Separotion meets specificotion.

[ 4 Major capsule structure 8-11.61 Design quolified. Structure good for all Aight loads.

[ ] Landing sphere 11.24-61 Thirteen test uboc‘n bml' end nl'od \vi'h vorying degrees of success
to yst Final test on S/N
0"-5 w«oulul. Mocn fight requirements.

» Acceleration switch 11-8-61 Design qualified.

810 Retromotor igniter squib 9-6.61 Lot qualified.

(1] Copsvie battery - Foiled in Nov. Battery redesigned for 2™ time. Batery structure suitable
for impoct. Failure was due to internal leckoge not coused by environ-
mental tests. Additional battery now being tested.

[ 1} Retromotor structure 3.6} Design qualified.

[)7] Caging pin motor 10-10.61 Lot quolified.

s Squib switch 10-28.61 One lot previously rejected. Present lot accepted without sterilization.

. " 10-2-61 Addition of structural members will require repeat of shake port of test

(1) Altimeler support and erection system

{structure and function) and scheduled Nov. 20 and 21.
12-6-61
10-21.61 Design qualified th Ity. Final design of support ond retraction system
() V4 Thermal rodiation shield (thermal test) fabricated for design proof structural ond vacvum cold retraction test.
12.18.8)

(1] ] Thermal control valve 9-7-6% Lot quolified.

(114 Capsule positio. swilch 11-8-81 Design qualified.

820 Bulkhead terminal seal 10-6-61 Lot qualified.

[ Y] Power and sequencing assembly 12.22.61 Initial 00" failed bocouu ol bc"cry loﬂory redesigned. Also power and

inclvde arming timer. Develop-
mom mn gave good vowm Fomcl design proof test gave good
resvlts.

823 Penetrator (venting) squib 10-24-61 Lot qualified.

824 External wiring 9-1.6) Successful. Tested with B7 and B14. Also tested in joint systems tests at
JPL. To be retested.

826 Altimeter battery 12-22.61 One ESB batery (alternate design) failed in Nov. test. Yardney battery

pack partially failed in Dec. After design modification both batteries
are acceplable.
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2, Test Program

a. Design proof test. The lunar capsule design proof
test program has been completed on schedule during this
reporting period with 2 minor exceptions. The survival
sphere battery is still under electrical test and several
rounds of the spin motor qualification test remain to be
fired. The spin motor qualification will be completed in
early January. The battery is being tested for long term
discharge to simulate the flight batteries. Status of each
of the major design proof tests is shown in Table 13.

b. Acceptance testing. Implementation of formal
acceptance tests for assemblies and parts fabricated for
flight use has continued during this period. With the
exception of the batteries to be used in the power and
sequencing assembly and in the altimeter, all parts to
support the Ranger RA-3 have been tested. Testing will
continue during the coming period on parts and assem-
blies to be used in support of Rangers RA-4 and -5. Test
plans, previously prepared, have been maodified in some
instances to improve the tests or to reduce the time
required to perform cach test.

¢. Landing sphere development and qualification
testing. During this reporting period, the developmental
and qualification program has been successfully con-
cluded in a final demonstration design proof test of a
complete landing sphere. The first tests of major signifi-
cance, beyond the initial subsystem empirical develop-

mental tests, were conducted in May in the initial
simulated lunar landing tests. All major objectives of
these first tests were met; it was demonstrated that the
laboratory impact tests were adequate for further testing
of landing spheres and survival sphere systems.

As a consequence of these tests, however, the mechani-
cal design of nearly every portion of the survival sphere
was revised or modified to produce a more reliable over-
all system. All of the development involving these changes
was conducted on a series of separate but major tests on
the several, separable subsystems of the survival sphere.
Detailed revisions of the final design were not com-
pleted until the fabrication of DPT-5, the final test
vehicle. Table 14 shows this developmental process. Table
15 indicates in more detail failures observed and infor-
mation gained during this testing process.

DPT-4. The batter'~s in this unit failed during the
buildup phase of the unit. Since there was insufficient
power for operation of the timer and other equipment,

functions depending on electrical power could not be
tested.

The capsule was balanced and subsequently fired on
the Hyge testing machine at 168 ft/sec and impacted at
90 deg. Following this the penetrators were fired with an
external power source. There was no visible damage of
the payload due to impact or to the penetrator blast.

Table 14. Londing sphere test history

T anctionsl equipments
Teost
vehicles conmarond | o | trecen Vorting | el Sontrel | Tree- Mol Settery
insulotion coge amplifier food

oPr-1 e _ _ . _4 e e _ ) .
D’t’ 2 -‘ — _ J— _‘ _l _‘ _f _l
v o _ _ _ _ _ _ _ e
1Tv-2 _r . _e _ _ . _ . s
1Tv-3 _» . _ —_ _ _ ¢ . .
1Tv-4 _r _ _e _ _ e e ¢ _ !
BOV.1 _r . _a _ _ . — _ _
ETV-1 _. _ . - 0 . _ _ _
o1 o e _ _ _ _r _ . _r
oTv-2 _r ) _e . __ —_r _¢ " _r
sTV-2 e _ _ _ . ) -t e _
DPT-3 . . . _r —_ —_ - — -t
DPT-4 - _ . _ e —r " - — _
DPY-5 . e o e ) _ . ) _

*Good resuits.

SPailure.

* Tosted but with some deviation or only a partial system,

“No fest.

12
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The DPT-4 vehicle limiter and upper insulation shell
half were removed after sled impact. The necessary
instrumentation for conducting a thermal boiloff test
was installed. The upper half of the insulation shell was
installed and sealed inside the impact limiter. This assem-
bly was subjected to vacuum in the high-altitude test
facility. The test could not be completed due to a small
leak in the brazed aluminum payload structure, which
prevented evacuation of the chamber and insulation.

The insulation and shells were removed and placed on
a dummy structure equipped with carbon resistor heaters
and a thermistor for temperature measurement. The
antenna coax and caging device wires were also installed
resulting in a representative thermal mockup which was
placed in a double wall, liquid nitrogen-cooled vacuum
chamber. An equilibrium heat rate of 3.05 w was estab-
lished with the payload temperature being maintained
at 32°F and the chamber at —320°F.

DPT-5. Initial electronic system checks were made
on November 20. The transmitter frequency measured
960.14085 mc, the VCO 558.3 cps; the sphere was bal-
anced the same day. On November 24 the capsule was
sub,octed to a Hyge impact. The preimpact velocity was
151 ft/sec. Frequency measurements made before and
after impact are:

Relative time Transmitter frequency, me
Before 960.14240
After 960.13940
After % hr 960.13891
After 1 day 960.13944

Both penetrators fired 15 min after impact. The sphere
was observed to roll over a few degrees as a result of
the firing. The sphere was resting on the smooth concrete
of the Hyge pit floor. Subsequent measurement of the
angle between the axis of the payload and vertical was
about 28 deg. This is attributed to displacement duc to
the penetrators. The postimpact caging mechanism func-
tioned as it should.

The DPT-5 insulation was constructed identical to the
Ranger RA-3 units using 31 layers of 0.0085-in. thick
Dacron felt interlined with 30 layers of 0.00045-in. thick
aluminum foil and 0.0048-in. thick Dexiglas paper. Insula-
tion muffs were sewn around all holes and equator. A
preimpact thermal test was performed on the insulation
with resulting equilibrium heat rates of 2.08 w at 33°F
and 2.42 w at 87°F while enclosed in the - 320°F vacuum
chamber.
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A postimpact thermal test was performed by removing
the insulation muffs and shells and installing them on the
dummy payload structure. The caging wires and antenna
coax were installed during both tests. Three equilibrium
heat rates were established during this test. The first was
3.15 w with the dummy payload at 199°F and the cham-
ber at 76°F. This approximates the lunar day environment
with the heat loss in the opposite sense. The other 2 were
run with a chamber temperature of —320°F with result-
ing heat loss rates of 3.80 w at 68°F and 3.37 w at 33°F,
The increase in postimpact heat loss over preimpact can
be attributed almost wholly to the radiation foil surface
inside the shell, which was damaged by the penetrator
blast. There was no apparent physical damage nor appre-
ciable shifting of adjacent layers due to the Hyge impact.

3. Equipment Status

a. Weights and performance.

Weight control. Latest revisions to the capsule weight
status are presented in Table 18. Also shown is the previ-
ous evaluation. The changes shown reflect redistribution in
the classification of potting materials and wiring in order
that the categories be more meaningful in weight control.
Accompanying this table is Table 17 which gives weights
and center-of-gravity stations. Final weight trimming by
adjustment of the impact limiter weight kis been
employed to achieve the particular retrovelocity incre-
ment. This weight trimming w. s not accomplished until
completion of the retromotor qualification tests, which
provided accurate motor performance data.

Performance. Final evaluation of the expected inflight
performance for the whole lunar capsule system is now
in process. Table 18 gives current estimates of the vari-
ances of capsule axial velocity, transverse velocity, and
altitude at retromotor burnout. The transverse velocity
data ‘or the spin motor and retromotor are estimates
based on limited data and are believed to be conservative
to a factor of 2. Considerably more experimental and
analytical effort would be required to refine these esti-
mates, although further analysis continues.

Mean values and 95 percentile points are estimated as
follows:

Parameter Mean value | 95 percentile
Burnout altitude, ft 930 -
Vertical velocity, ft sec 105 140
Transverse velocity, ft/sec 110 214
Impact velocity, ft sec 156 235

13
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Table 16. Lunar capsule weight summary®

Table 18. Dispersion estimate

Expecied Provieus
Compeonent RA-3 capsule
welght, b welght, Ib®
Retrorocke! poylood
Survivel sphere
Electronics, ontenna, batteries
and wiring 240 24.3
Structure, insuiation devices 13.5 127
Water 3.6 37
Selsmometer 7.8 7.8
Flotation fluid and euter shell 8.2 8.2
Survival sphere fotal 57.1 56.7
Impoct limiter 2.2 7.1
Vibrotion dompers ond clomp 1.0 [ ]
Balonce weights 0.3 —_
Control timer, batteries, and wiring 1.2 14
Motor heat shield 0.2 -_—
Totol retremotor poylecd 92.0 9.5
Motors
Retrorocke! meter and igniter 44 2133
Spin moter, igaiter and attachment 24 23
Tolal separete weight 308.8 Ny
Bus mounied equipment
Altimeter and antenna 6.6 6.6
Alimeter support and doployment 2.1 20
Meler suppert struciure and seperotion 38 36
Bus interface J-box end connecters 1.0 0.0
Hoot shiold 34 30
Tolel lunar copsvie 3287 m
sAs of Docomber 13, 1961,
SExpocted wolght as reperted in $PS 37.12.

Contribution fe burneut dispersion, rms
Subsystem Transverse Axial Slant renge
velecity, velecity, to surface,
ft/sec ft/s0¢ #
Bus 56.6 200 240
Mechanical alinement 10.6 —_ —_
Ahimeter _— -— 78
Separation clomp 1.0 — —_
Spin moter 5.0 0.2 20
Power ond sequencing
assembiy _— _— 7
Retromotor 40.5 16.0 235
Root Sum Square [ 34 25.6 356

lots were used. Qualification test firings used samples
from each of the grinds.

The manifolds were treated as a separate subassembly.
At the present time, all but 3 of the qualification and flight
motor manifolds have been completed. The last 3 are in
final stages of assembly.

Final assembly has been specified on 7 motors. Of these,
the last 5 were assembled with the sterile technique.

Qualification tests. Five qualification tests have been
conducted. The general specifications and results are tab-
ulated below. All firings were conducted at ambient
conditions. Firing results normal indicate no unusual
characteristics of ignition, thrust buildup, torque level,
total torque impulse, or thrust unbalance.

Table 17. Operational schedule of weight, center
of gravity ond inertio

Weight, | €o-(2) Inertie
Configuration ’ 4

» in. Roll Pisch Yow
Lownch 2287 | 492 3.28 nw | nas
After soparation | 3008 | 4482 2.51 0.8 9.34
Al burnout me | arz 0.02 2.43 243
At impoct 03 | 27 067 0.66 0.66
b. Spin motor.

Motor production. All motor grains were cast in a
continuous production run between October 18 and
November 10, 1961. Propellant for the motors was mixed
and cast in 1.Ib lots, using single lots of constituents
except for the oxidizer. Because of equipment limitations
in lot size for oxidizer grinding, 4 different oxidizer grind

Test number | 104 114 118 127 130
Test date,

1961 11-17 [11-20 }11-27 124 12-11
Cast date 11-10 [10-28 [11-2 11-1 10-26
Onxidizer

grind 43 42 43 42 41
Motor con-

ditioning | Special | None | Vibration | Complete | Complete
Results Normal| Normal| Normal | Normal Dllt:d not

u

Motor installation. A number of tests were conducted
to determine the load deflection characteristics of the
retromotor closure plug and the spin motor under installa-
tion loads. It was determined that a preload of 40 1b on
the spin motor will prevent rattling during vibration and
will not cause excessive loads on the closure plug.

Velocity increment due to z-axis component. Total
torque impulse imparted by the spin motor is computed
from the results of qualification firing, for which accurate
computer results arc available.
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Total thrust impulse in vacuum

_ 2834 X251 _ 156
Tie = "g&512 X140

Thrust impulse on z-axis = 142.5 tan 10 deg = 25.1
1b-sec.

Velocity increment

\%

= 142.5 lh-sec

25.1

(= W = 2.62 ft/sec

At separation, the capsule weight = 308.4 1b, and the
Lo = 251 slug-ft,.

The spin motor characteristics are:

Area ratio r = 34
y=125
10 deg
Nozzle radius = 6.65 in.
Cy,, = 1.4 (sea level)

Cro = 1.58 (in vacuum)

Nozzle angle

c. Retrorocket. During the period November 20
through 30, 1961, lunar capsule retromotor acceptance
tests were accomplished at the Amold Engineering and
Development Center (AEDC) test facility. The following
report is a brief analysis of results of these tests, and
a summary of capabilities of the 5 flight motors for
various lunar impact trajectories. More detailed informa.
tion may be obtained from Reference 3.

The data presented indicates that performance is con-
sistent with predictions of the early analysis. Some degree
of deterioration of the aft 1 in. of the nozzle cone was
observed in later stages of burning (Fig 4). This deteriora-
tion demonstrably does not affect axial performance or
reproducibility to a significant degree. Analysis has shown
the effect on cross axis dispersion to be within acceptable
limits. A relatively minor effort could resuit in a fix for
this problem, but it is not considered feasible or neces-
sary for the immediate missions.

Eleven unfired motors remain in the program. Five
are designated for flight missions, 2 for surveillance fir-
ings later in the program, and the remaining 4 are the
result of not being able to obtain schedule time in AEDC
to fire 12 motors in the acceptance tests.

The 6'" in the series of 8 acceptance tests was destroyed
at 6.1 sec of burning due to an obturation failure associ-
ated with the pressure measurement system. It is con-
sidered most likely that the failure started in 1 of the
pressure fittings; however, the data was such that the
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Figure 4. Postfire view of retrorocket Motor 45

exact start point could not be isolated. All indications
were, however, that the failure was not motor induced
and the firing was considered no test of the motor.

Photographic records of the acceptance tests show that
the nozzle exit cone aft of the spin motor index notches
suffered deterioration in the later stages of burning. The
deterioration is characterized by flaring of the portion of
the nozzle aft of the notches and subsequent visible
breaking up of the aft edge of the nozzle. The flaring
starts nominally at 60% of burning, and visible deteriora-
tion of the aft edge commences at about 80% of burning.
No visible asymmetries were detectable either in the
Raring or subsequent breakup.

The 9 and 10" firings of the series contained a
strengthening member of aluminum on the exterior of
the nozzle cone. The fix worked well on the 9 test
and held the geometry throughout buming. The alumi-
num support slipped forward on the 10** firing and
allowed flaring of the nozzle at about 90% of burning.
Neither the 9™ or 10** firing showed any significant
difference in axial performance. The data will be dis-
cussed later in this report.

Indications are that the tipoff is acceptably small; no
steps were taken to reinforce the nozzle for the flight mis-
sions. Since tipoff was not measured in the acceptance
tests, no further treatment will be accorded it in this
report.

With the above exceptions, testing proceeded satis-
factorily and the motors performed as expected.

Velocity decrement and payload. The unbraked veloci-
ties for Rangers RA-3, -4.and -5 differ slightly and depend

17
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on the firing date. The payloads will be adjusted to pro-
vide braking to 0 velocity for each. It is necessary to
adjust the unbraked velocity to account for lunar gravity
effects during braking. The incremental velocity correc-
tion is:

(1)

where

rs = motor burn time

b = distance above lunar surface at motor ignition

&w = lunar gravity (5.3 ft/sec?)

V, = average velocity of unbraked capsule

Motor burn time for this computation is the total action
time and differs from burn time as defined later in this
report. The demonstrated total action time at 70°F is

9.90 sec. Adjusti~ to the expected temperature at igni-
tion of 87°F the action time would be 9.96 sec.

Four trajectories are selected. The quoted values and
corrections to include Moon gravity are given in Table 19.

Table 19. Quoted values and corrections

Hring dete, | Unbraked impact “:-' gravity | Retre :lo'l:‘cm
1962 velecity, #/s0¢ rrection, roq ,
4/ s0c #/s0c
Janvary 8016 23 8039
April 0604 23 717
June 8570 N 859)
duly 8537 n 8558

Decrementa. velocity imparted to the capsule is obtained
from

Va=Veln(W,/Wy) +V, (2
where
V» = velocity decrement
V. = motor exhaust velocity = (I,. X g)
W, = initial weight
Wy = weight at burnout
V. = velocity imparted by the spin motor

Table 20 is a summary tabulation of parameters derived
from the acceptance test firings. The statistical summary

Table 20. Summary of retremotor performance from the acceptance fests

Totel Postlire Bum Ignitien Spocific Specific Exhavst
Propeliont Enpolied Distance
Run Meoter weight, weight, time, tme, impulse | impuise velecity
» weight, b | weight, Ib » sec [ 1., voc se, 00¢C xn Ve, W/00¢
k4 03 212.68 191.2¢ 194.62 19.06 9.490 0.04) 75.67 270.92 48,490 8707
» 04 214.5) 191.24 194.49 20.02 9.504 0.085 275.73 271.14 49,000 714
ko 0s 212.96 191.26 194.08 19.08 9.633 0.035 275.08 270.75 49002 8702
42 06 214.40 191.06 194.70 19.78 9.694 0.050 276.42 271.23 49,423 718
40 07 213.68 191.20 194.24 19.34 9.524 0.073 275.62 7116 48,876 [ YAK{
[ ] No Test—prassure lost ot 0.2 sec and flome-out ot > & sec
42 09 21,4 190.03 193.18 20.1¢6 9.470 0.048 27591 271.44 40,632 8724
45 10 214.65 190,78 194.78 19.07 9.552 0.048 J 276.10 270.43 40,572 3692
Statistics
Maximem
Jerameter Meen Deviatien, 1 ¢ deviet

1., s8¢ 27591 0.28 0.51

oo, s0¢ 271.04 0.24 0.58

V. (g = 32.140 f1/sec"), wi 10 19

ft/sec

i, sec 0.053 0.011 0.022

b, sec 9.564 0.08 0.120

X, 48,868 250 555

Note: Va = 8816 f1/sec; Ty = T70°F; weights at g = 32.146 #1/sec?. Reduction of 0.01% y to adjust for g — 32.140.
*Stem potted, no pressvre readout.
18 CONFIDENTIAL
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in Table 20 shows the uncertainty in exhaust velocity to
be 10 ft/sec. To obtain the uncertainty in velocity decre-
ment, Equation (2) is repeated.

A
ot, = (InAg)tat, + (T) o, 3)

Two additional terms are required in Equation (3) to
represent the uncertainty in measurement of V., and the
uncertainty in V,.

The measurement error contains not only the instru-
mentation uncertainty, but also some error in grain tem-
perature. The absolute instrumentation error is 0.12% 1 o.
An estimated value of grain temperature error in the
tests of 1°C 1 o will be used. The early estimates of mass
ratio uncertainty are consistent with weighing methods
and observed expelled weights and will be used here.
Velocity uncertainty due to mass ratio uncertainty is 8
ft/sec. A breakdown of the contributions is:

Source 10, ft/sec
Mass ratio 8
Grain temperature (1°C) 4
Exhaust velocity 9
Instrumentation 10
Total (rms) ﬁ

The effects of grain temperature and the exhaust velocity
are included in data in Table 20. The contribution of
instrumentation error, while very small, represc.ts the
largest uncertainty in the system; without it the rms value
would be 13 ft/sec.

Distance traveled during burning. The retromotor mis-
sion requires knowledge of the distance traveled during
the braking operation. A mathematical model was used
to predict the distance and its expected deviations.
Equations for a vertical approach are

]
X)) Xot V- / Ve (@)dé ' dgnr® ()

¢
v [k -

where
X - distance traveled
X, = initial value of distance

Va

Il

initial velocity

CONFIDENTIAL
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¥,{ = dummy variables

Equation (4) is not amenable to analytical solution so a
simplified neutral burning model was assumed.

/ "V, (8)d = 14 V,[ 1+ = ln A,,] (6)
0 B

In order to obtain the true value of exhaust velocity,
it is necessary to take into account the effect of air buoy-
ancy and gravity variation on weights and the calibration
system at AEDC. The above model, while useful for pre-
dicting performance, is not adequate for flight missions.

The thrust data taken at AEDC was used in conjunc-
tion with a calculated mass versus time to perform a
numerical integration of the thrust-to-weight ratio.

™ ¢
X(rp) - Virn K/: A ’ﬁ’:/"g% d{d¢ (7)

The system weight was computed as follows:

W(r) = ~KF,(1) (8)
/ F.(Hdt '

wn - w,-KI.(1)

where
W (1) = rate of weight expulsion
K-
W -

constant

expelled weight
1, = vacuum impulse
F, -~ vacuum thrust

W (1) — system weight

W, = initial system weight

These weight computations assume a constant thrust
coefficient, exhaust gas composition,and combustion tem-
perature. A similar function of motor chamber pressure
could be used; however, in this case, the thrust data
is considerably more accurate.

Trapezoidal integration of the vacuum thrust dividea
by weight was performed at 0.1-sec intervals for each of
the acceptance tests. Table 20 contains a tabulation of the
results with a computation of deviation. In each case,
the inert weight, or payload, was adjusted to obtain a
velocity decrement of 8816 ft sec. Minor variations in
propellant existed from motor to motor. It was expected
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that the calculated distance traveled would vary accord-
ingly; however, the data available was not sufficient to
establish a trend. Very likely the change is so small as to
be obscured by other uncertainties.

An effort was made to condition each motor to a tem-
perature of 70°F prior to firing. It is felt the conditioning
was no better than 70 + 2°F, however, and an additional
uncertainty existed due to dwell times in the test cell
ranging from 2 to 4 hours at temperatures ranging from
65 to 75°F. Distance and burn time for Run 8 are suffi-
ciently different from the mean to suspect a temperature
problem. A temperature difference of 5°F would place
this point on the mean.

Motor burn time and ignition time. Effects of these
parameters are included in distance data shown in
Table 20 because distance integration was performed
from receipt of the ignition pulse to complete burnout
of the motor. It may be of some interest to discuss their
values since both figured in the early predictions of dis-
tance deviations.

Burn time, 75, is defined as the time from receipt of
ignition current to the time when 99.5% of total impulse
is delivered. This definition is taken to avoid some of
the instrumentation uncertainty in defining the time of
0 thrust. Burn time then includes the ignition time.
A grain temperature uncertainty of 1°C 1 ¢ (1.8°F) and
an ignition delay uncertainty of 3.3 times 10 * sec 1 ¢
were assumed in the predictions. It is expected that tem-
perature uncertainty in the AEDC tests was consistent
with that estimate; however, the ignition uncertainty was
observed to be 0.011 sec 1 0.

Observed deviation in burn time is shown in Table 20
to be 0.08 see 1 a. This value gives a value of distance
uncertainty about twice as large as that obtained from the
acceptance tests.

Flight w:- ©  parameters. It is necessary for the flight
mission that payload capability for the mission be speci-
fied to obtain correct decremental velocity and that the
distance traveled while burning be specified.

Payload and velocity decrement. The data in Table 20
gives cxhaust velocity as 8711 ft sce. This value must
be corrected to conditions expected in flight. The corree-
tions consist of (1) weight, (2) gravity, (3) grain tempera-
ture, and (4) expelled weight.

(1) Weight. As discussed previously, the total weight
correction is 0,02 Th for the total unit weights
taken at Bacchus. The postfire weights were taken
at AEDC and the gravity value at AEDC is used.

20

(2) Gravity. Gravity to be used in V, calculation must
be consistent with that used in the thrust measure-
ment calibrations. This value is the AEDC local
gravity 32.140 ft/sec.

(3) Grain temperature. All units in the acceptance test
program were fired at a nominal grain temperature
of 70°F. The nominal grain temperature at igni-
tion for the flight missions is expected to he 67°F.
The sensitivity of V, to grain temperature is
0.0129/°C; hence,a correction of —0.02% is required
to compensate for the lower expected temperature.

(4) Expelled weights. The average expelled insert
weight from Table 20 is 3.58 Ib. However, the 9
and 10'" firings were made with a nozzle reinforce-
ment which altered the expelled weight values.
It is believed more accurate to use the values of
the remaining tests only for an average of 3.41 Ib,

The flight motors will contain a spin support and igni-
tion system which is ejected at first chamber pressure
rise. This weight is not considered a retro weight.

Utilizing the above corrections the observed 8711
ft 'sec, the corrected exhaust velocity for the expected
flight conditions is 8710 ft ‘sec.

Five motors are available for flight missions. Physical
parameters of these motors are shown in Table 21.
Table 22 shows payload capability for each of the 4
selected trajectories.

Distance traveled during braking. In order to specify
distance traveled during the braking operation it is nec-
essarv to know both motor grain temperature and the
velocity decrement.

The mean grain temperature at liftoff is expected to
be 72.5°F; at ignition it is expected to be 67°F. The
distance sensitivity to grain temperature is:

3. .
X 2201t °C - —122ft °F (1
T,
Table 21. Flight motors
Nezzle clesure
Totol weight, ond spin igni- Propeliont
Grain Care [ tion ossembly weight, Ib
weight, Ib
48 0 21495 0.3¢6 191.4)
49 203 213.80 0.36 190.97
50 204 213.90 0.36 191.29
52 208 21427 0.6 191.32
54 200 214.54 0.36 191.60
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Table 22. Flight motor performance

Va (6t/s0c)

Grain 839 17 | st [ esse

Paylead, Ib

48 91.08 93.58 96.18 96.89
49 91.53 94.03 96.63 97.33
30 91.94 94.44 97.04 97.74
52 91.62 94.11 96.72 97.42
54 91.79 94.29 96.90 97.60

Distance traveled, ft

47,610

48 49,380 ] 48,611 [ 47,818 I

Note: T, = 67°F; g = 32.140 f1/sec?.

Figure 8 shows this result. The mean value of distance
taken from the acceptance tests would have to be
increased by 366 ft to allow for a grain temperature of
67°F. During flight, a thermistor circuit will be used to
bias the ignition signal to provide for grain temperatures
other than predicted. This thermistor circuit will utilize
the slope in Equation (11).

A typical motor configuration was used to run the dis-
tance integrations for each of the 4 trajectory veloci-
ties discussed previously. Table 22 contains a list of the
nominal distance traveled for cach of the available flight
motors at each of the 4 selected trajectories.

The 1 o deviation in distance shown in Table 20
includes the effect of grain temperature uncertainty in
the tests. This value is believed to be about 1°C 1 ¢ and
coincides with the uncertainty expected in flight. Fur-
ther contribution to uncertainty will occur as a result of
exhaust velocity uncertainty, introduced by the thrust
measurement system. As discussed previonsly, this value
is 10 ft sec. Multiplying by the partial derivative of dis-

g %0 [ N P

S ! !

w 8o} ! !

‘é X/l - -122 1/°F

= ‘

@ 70 |

w

Q |

2 ! <
w0, C ‘

2 Vy = 8839 fi/sec ‘ ‘

a ! ! ,

@ s0 | | L U S S G
O 47 [T 49 LY 3

DISTANCE TRAVELED, ft x 103

Figure 5. Grain temperature vs distance traveled
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tance with velocity, 6.3 > 10 63 ft from this source.

The resultant uncertainty is:

a. Y 250¢ t 63 (12)
256 ft

d. Landing spheres.

Survival sphere assembly. Most of the survival sphere
hardware has been fabricated for Rangers RA-4 and -5.
The majority of subcomponents is in an advanced state
of assembly (Fig 6) to support the expected launch dates.

Most of the survival sphere hardware has been fabri-
cated for Rangers RA-4 and -5. The majority of sub-
components is in an advanced state of assembly (Fig 6)
to support the expected launch dates.

Capsule batteries. Considerable difficulty persisted in
producing satisfactory batteries. Two dificulties were
extant in the design previously tested: electrolyte leak-
age, cither external or cell-to-cell; and breakdown of the
separator material, resulting in decreased shelf life. Addi-
tional batteries were prepared incorporating design modi-
fications, and battery performance is now adequate. A
long-term  discharge test is being conducted on 1 of
the batteries to more accurately predict performance of
the flight units already incorporated in landing spheres.
Because of the lack of test data on batteries incorporat-
ing all the design modifications, there is a possibility

Figure 6. Potting and foaming electronic circvit
boards in glove box
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that the batteries used mav not vield the total w o
capacity inherent in the design.

e. External equipment. Basically, all the equipment.
other than propulsion or landing spheres, has been cam
pleted tor the 17 Taunch operation, I some cases,
equipments to be used on subseguent Tumches hiave also
heen produced.

Altimeters. Suceesstul completion ol the design proot
tests on 2 units of the Wiley altimeter was accomplished
with final tests at ADEF. These tests consisted of w0 Tow
trequeney vibration test and a deep space vacuran test
One of the 2 miits has been delivered to JPE for ose
on swatem tests i the fickd, The other iy being used o

turther evaluation and as a4 control on the test equipment,

Delivery of the first 2 flight units was made to ADF,
1 was shipped to AMR for svstems tests with the space
ceraft and was used on the Rancer RA-S,

Support structures Both spares and flight vts ot the
altimeter support and crection stoacture and of the moto
support structure have been aceeptance tested and e

Fie: 7. Capsule assembly showing clamp guard
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ready for flight, The separation clamps and external wir
ing e completed with these structures and are being
shipped to sapport Laaneh operations.

Power and scequencing assembly Problems were en-
countered in sealing o batters to withstund the cen-
trifugal and vacuum envivonments. These  difliculties
hive been overcome and satisfactory assemblies pro-
duced for design prool test and for flight,

Thermal radiation slicld. A sucecessful demonstration
ol the thermal radiation shield has been accomplished.
A previous test had demonstrated the thermal perform-
ance of the basic design. This configuration was tested
in the Loamch (design prooty vibration environment and
was agin tested functionally for retraction in the deep
space tanh. Figure T shows the capsule assembly with
Marman cJamp voard o place. The gnard senves to
ensure the Myvbar thermal shield does not cateh on the
Marnan clamp during retraction. Figare S shows the
shield in Lomelhy configuration for the design proof vibra-
tion test

Figure 8. Thermal radiation shield
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E. High Resolution TV
Experiment

In support of the manned hunar program, one of the
missions required is a high resolution TV experiment
to be incorporated carly in the Ranger project.

Considerable work had already been done between
Radio Corporation of America (RCAY und JPL on the
vidicon equipment developed for Rangers RA-3, -4 and -5.
Examination of the problem, relating to rapid imple-
mentation of a more sophisticated TV mission on Ranger,
indicated that an extrapolated  development  program
with RCA could result in a TV subsystem at an carly
date. The proposed system would provide a picture of
sufficient resolution to meet requirements of the manned
program. Accordingly. a contract was initiated with RCA
to provide a primary experiment TV subsvstem to mate
with the JPL-produced bus; this bus is to be essentially
unchanged from the seismometer capsule series. Rangers
RA-6, -7, -8 and -9 were selected for the high resolution
TV mission.

1. Mission

The establishment of design requirements for vehicles
that land and operate on the surface of the Moon is
dependent upon an understan ling of the details of Junar
topography. The lack of scientific knowledge collected
in the Tunar environment has handicapped development
and acceptance of a theory for the origin and composi-
tion of lunar surface features. Because of the disturbing
influences of the atmosphere, the best photographs of
the lunar surface obtained from Earth are limited in
resolution to no more than about 600 m. Thus, it is
difficult to evaluate the nature of the lunar surface
environment on the basis of measurements made from
the Earth.

Thus, the primary objective of an advanced Ranger
mission will be to obtain high-gquality pictures of the
lunar surface at a resolution that is sufficiently  high
to enable an cevaluation of the nature of the detailed
lunar surface features. Resolution performance goal for
this advanced mission shall be in the range of 0.1 to
0.5 m, providing the capability to identify small surface
features that will comprise the interface with lunar sur-
face vehicles. Data obtained from these pictures can then
be used to improve understanding of origin and compo-
sition of the lunar surface, and to determine the effeets
of the surface on Tunar landing vehicle requirements.
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2. System Description

In order to accomplish this primary mission within the
constraints of the existing Ranger spacecraft system and
supporting facilities, a TV subsystem is to be developed
that will be fully compatible with the present Ranger
spacecraft mechanical, thermal, and clectrical interface
requirements. The major elements of Ranger TV payload
will consist of optics, television cameras, controls, se-
quencers, telemetry, and transmitters needed to acquire
and transform the energy reflected from the lunar scene
into a video signal for transmission to Earth. This equip-
ment will be combined with a space frame and a passive
thermal control design to form a fully integrated payload
that is dependent upon the Ranger spacecraft only for
the receipt of instructions through the spacecraft com-
mand receiver, and transmission of the video signal over
the spaceeraft high gain antenna and stabilization. The
TV pavload will remain structurally attached to the
Runger spacecraft throughout the entire mission duration,
and will impact on the lunar surface with the spacecraft
at conclusion of the mission.

The Ranger TV subsystem will be supported on the
ground by special eguipment at the Goldstone Space
Commumications Station, which will be used to receive,
store, and reconstitute the TV data transmitted from the
TV subsystem. Additional ground support equipment will
be required at JPL, Cape Canaveral, and RCA,

a. Design. For reasons of mechanical simplicity, it is
desirable to use a fined focal length optical system with
the television cameras. With a fixed focal length optical
system, it is possible to trade area coverage for resolution
as the spacecraft approaches the Moon’s surface. In light
of environmental requirements for the pavload, weight
constraints, and problems of packaging and mechanical
integration, it is desirable to emplov the shortest focal
length, dioptric lens system consistent with mission resolu-
tion goal. Morcover, the use of high speed optics to
minimize the effects of uncompensated image motion
by shortening the television camera exposure time is also
proposed. The combination of these factors suggests the
desirability of obtaining a final sequence of pictures at
a minimum altitnde above the lunar surface to satisfy
the high vesolution of the TV mission. Then,
pictures taken at all prior altitudes will
encompass a greater surface area at a correspondingly
reduced resolution. The minimum: altitude for the final
pictures is determined by the time required to read out
the video data from the television camera, and the space-
eraft terminal velocity, The minimum altitude, and thus
the highest resolution with a given optical svstem and
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camera design, will be obtained by minimizing the camera
readout time. However, the minimum readout time is
also constrained by the number of scanning lines (or line
density) required to provide the desired camera resolu-
tion, and by the maximum permissible system video
bandwidth. In the Ranger TV payload, the simultancous
goals of high line density and minimum readout time
are achieved by the use of a special method of raster
formation with a high resolution, 1-inch vidicon TV
camera. Minitnum readout time is achieved in camera
by reading only the central 200 lines of a nominal 800 tele-
vision line raster.

The spacecraft TV subsystem functional block diagram
is shown in Figure 9. The TV subsystem consists of 6
slow-scan vidicon cameras, a control programmer and
camera sequencer, a telemetry system, a 2 channel
transmitting system, and a battery power supply with
associated voltage regulators. The camera parameters
and the system interconnections reflect the system design
goals of (1) obtaining a high-quality television picture of
the lunar surface at a resolution of about 0.2 m per optical
line pair; (2) obtaining reasonable nesting of a sequence
of television pictures, starting from a resolution of approx-
imately 350 m per line pair; and (3) obtaining wide area
coverage of the lunar surface. Another desirable goal
achieved by the system design is to obtain a color image
of the lunar surface.

The communication system is designed to make opti-
mum use of a 2-mc bandwidth allocation centered at
960.0 mc, within which a channel allocation of 80 ke
centered at 980.05 me is required for the beacon trans-
mitter. The allocation (Fig 10) thus consists of 2 bands
of approximately 1 me cach, utilized by 2 transmitters:
1 centered at 959.5 me and the other at 960.5 me.

The first design goal, of obtaining high resolution pic-
tures, is achieved by a system of 4 television cameras oper-
ating at a frame rate of 5 cps, and having a usable
resolution of 35 optical line pairs per mm. The cameras are
exposed sequentially and while 1 camera is heing read
out, the remaining 3 are being erased and prepared for

TV SUBSYSTEM
TRANSMITTER |

BEACON
TRANSMITTER (BUS)

TV SUBSYSTEM
T f
f | | |
| A | |
T T

TRANSMITTER 2
[ |

960.0 mc 960 05 mc 9605 mc 9610 mc

|
959.0 mc 9595 mc

Figure 10. System bandwidth allocation
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the next sequence of exposures. At the impacting velocity
of 2700 m/sec, and with a proposed 76-mm camera lens,
the system has good probability of obtaining a full tele-
vision picture at a resolution of 0.2 m per line pair. The
last sequence of 4 pictures will have resolutions varying
from 0.8 to 0.2 m per line pair and will include a 16-to-1
variation in arca coverage. Cameras 1 through 4, the par-
tially-scanned cameras (Type P), provide these last 4
television pictures, which are scanned out and trans-
mitted in real time within an RF bandwidth of about
1 me. Cameras 1 through 4 are permanently connected
to Transmitter 2. These highest resolution pictures are
considered to be most important to the total Lunar Pro-
gram; therefore, redundant transmission of the pictures
from these 4 cameras through the additional channel of
Transmitter 1 is provided during the final minute of the
terminal mode of operation. This is achieved by a pre-
programmed switching command.

The design goal for the nesting feature is to obtain a
final set of pictures which can be located on present-day
lunar maps. The initial pictures will be taken at 10 min
from impact at an altitude of about 1300 kilometers.
Their resolution will be of the order of 350 m per line
pair and will enable the photointerpreters to locate these
images on the available lunar maps. Each subsequent set
will increase the resolution and will permit location by
reference to the previous set, This technique of picture
location will proceed to the final set where the highest
resolution television pictures will then be 1ocated, per-
mitting a more meaningful interpretation to be made of
these images. A set of 2 fully-scanned cameras (A and B)
is included to ensure that this technique of nesting is
achieved. These cameras have a frame time of 2.58 sec,
and the same line density as the partially-scanned cam-
cras. Using the proposed 76-mm lens, they can account
for a larger area coverage of 16-to-1 over that of the
partially-scanned ~wmeras. Thus, both nesting and wide-
arca coverage are achieved with this arrangement.

The arrangement of the fields of view of Cameras 1
through 4 and of Camera A is shown in Figure 11. These
overlapping  fields ensure that the 4 partially-scanned
cameras are centered on the velocity vector. Moreover,
the overlap between the fully-scanned camera and the
partially-scanned cameras will help locate ecach frame
in the previous nest of pictures. Camera A and B (Type F)
are alternately scanned and erased, and their real-time
readout is contained in the 1-mc RF bandwidth of Trans-
mitter 1. Camera B is pointed at an angle of 30° from
Camera A, 1t is presently located on the Y oaxis, but its
field of view could be changed to plus or minus angles
from this axis, as required. The purpose of this high
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Figure 11. Terminal phase optical geometry

oblique field of view is to accomplish the wide area
coverage shown in Figure 12,

In the early phases of the terminal mode, the picture
scale changes by a small percentage between exposures
of the fully-scanned cameras. To obtain additional lunar
data during this largely redundant picture-taking phase,
it is planned to equip Camera A with a set of color filters.
Sequential exposures made through a blue, a green, and
a red filter will permit a color photograph to be produced
on the ground from an overlay of these 3 images.

The system block diagram (Fig 9) shows the signal
flow as well as the cquipment packaging. Cameras 1
through 4 have identical vidicon assemblics. Attached
to cach assembly is a preamplifier, a 1.0-ms shutter, and
a 76.mm lens. Fach vidicon assembly is driven by cir-
cuitry including the deflection amplifiers, video amplifiers,
and the vidicon power supply (contained in the camera
clectronics box). Cameras A and B have similar idicon
assemblies, preamplifiers, and lens systems. The shutters
are larger to accommadate the larger image format and
have exposures of 5-ms duration. Their camera electronics
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are physically similar, with circuits modified to accom-
modate the fully-scanned camera parameters.

The 8 cameras are provided with raster-forming syn-
chronizing signals and are sequenced through exposure,
read, and crase cycles by the camera sequencer. The
sequencer derives its time base from a crystal-controlled
18-ke oscillator, utilizing binary counters and gates to
provide interlocked horizontal and vertical synchroniz-
ing, read and erase cycles, and shutter pulses, The clock
countdown provides a convenient way to cstablish the
preprogrammed power amplifier turn-on and the com-
mands for switching between Cameras A and B. The
sequencer contains a backup crystal-controlled oscillator
which can substitute for the primary oscillator and which
has separate connting chains and power supplies for
Cameras A and B and Cameras 1, 2, 3, and 4.

The general system philosophy of using repetitive cam-
era units and dual transmission channels to achieve a
high probability of equipment operation is further served
by including a tree-running capability in Camera 1. This
capability is provided by a programmer which can sup-
ply all synchronizing and sequencing signals to Camera 1
in the event of a sequencer failure. Limiting this circuit
to only 1 camera is necessary because of the additional
component weight and circuit complexity involved. The
intent of this feature is to provide marginal system ouvera-
tion in the event of sequencer failure.

The video outputs of the 6 cameras are fed to the
video combiners, where tones, video, and synchronizing
signals are composed into the system standard after the
appropriate amount of emphasis has heen exacted. The
command switch connects the system commands received
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Fiyure 12. Coverage of Camera B
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through the spacecraft interface to the appropriate sys-
tem elements, The first prsition of the command switch is
used for the warmup command, which is sent 15 min
prior to impact. This command is stored as a backup
command in the central computer and sequencer (CC&S).
An emergencey telemetry command occupies the 2% posi-
tion of the command switch and can be sent any time
required after a warmup command has been sent. The
emergency telemetry command is followed by a return-to-
amera-video command in the 3 position of the switch.

Other system sequences are derived from stored pre-
programmed commands. The cruise-mode telemetry com-
mand originates in the CC&S. The power-amplifier-on
command is supplied after the proper count from the
camera sequencer. with a backup from the CCA&S.
The camera switchover command is derived from the
sequencer.

Provision is made to permit system testing with or
without a spacecraft, as well as for tests on the launch
pad with a hard line to the TV subsystem. Small electric
lamps will be incorporated in the Lockheed shroud, each
one so positioned that it lies along the optical axis of
1 of the 8 TV cameras. These lamps would be physically
located hetween the inner and outer walls of the shroud
with small holes in the inner wall to allow light from
each source to shine on a TV camera. The power source
will be the externally supplied 28 v to the spacecraft
allowing the lights to be energized at the same time
as the spacecraft is on for test purposes. This departure
from normal prelaunch test philosophy (calling out 1aini-
mal tests only) was deemed advisable, since the TV sub.
system is the prime purpose of the mission and a light
source for cach camera gives a rather comprehensive
check on cameras, amplifiers, sweep circuits, and svne
circuits, In this case a light source will permit a better TV
subsystem evaluation than would many hard lines for
stimulating and monitoring.

The telemetry subsystem  consists of cruise maode
telemetry clements as well as more  detailed  diag-
nostic telemetry elements for the terminal phase of the
mission. A 13-point sampling switch, operating at a rate
of 1 point per sec, samples critical temperatures and volt-
ages. The output of this switch is used to drive a Channel
8, IRIG subcarrier oscillator. An ac amplifier and a trans-
former connect the ontput across the spacecraft interface,
where it is mixed with other telemetry for transmission
over the bus beacon transmitter,

During the terminal mode, a 90-point sampling switch,
operating at a rate of 3 points per sce, samples the
TV subsystem parameters. The switch ontput is used to
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drive 2 voltage-controlled oscillators (225-ke) connected
in parallel. These 2 outputs are connected so that 1 VCO
is mixed with the video at Modulator 1 and the other at
Modulator 2. The VCO frequency was chosen so that
it is located above the highest video frequency in the
base band of the system.

In emergency mode, the video signals are switched
out and the 90-point telemetry is used to modulate each
of the transmitters directly. A possible condition requiring
emergeney telemetry would occeur if video transmission
were interrupted, and it became necessary to determine
whether the TV subsystem was nonoperational or the
high gain antenna was not locked to the Earth, A reduc-
tion of 40 db at the ground receiver would suffice to
accommodate the telemetry bandwidth and would com-
pensate for signal loss possible if reception were from
the back lobe of the spacecraft antenna. The result
wonld be a usable signal-to-noise ratio for the telemetry
information.

The temperature sensor in Figure 9 is part of the
telemetry svstem. Several spacecraft and subassembly
temperatures are measured by thermistor circuits and are
connected to the proper analog voltage for the telemetry
sampling switch.

The communication system  consists of two 60-w
L-band. FM transmitters. The modulating signal consists
of the camera video and the telemetry subcarrier. The
transmissions of the 2 svstems combined in a 4-port hybrid
combiner with the heacon output of the transmitters are
beamed toward the Earth from the spacecraft high gain
antenna. Reception at Goldstone is effected with an 85-ft
parabolic antenna equipped with an L-band maser pre-
amplifier. Within the parameters of this system, the 60-w
transmitters provide a substantial power margin above
the receiver threshold; the resulting video signal-to-noise
ratio will produce a high quality TV picture. Design of
the communication system will permit reception at an
alternate antenna site at Goldstone, which is equipped
with an L-band parametric amplifier. The power margin
at this alternate site will be reduced by 3 to 4 db, but
will be usable.

b. Flight sequence. The nominal trajectories for the
Ranger TV flights will employ a nearly vertical
descent to the lunar surface. In transit from the Earth to
the vicinity of the Moon, the Ranger will fly in a Sun
oriented attitude, with the spacecraft solar cell panels
perpendicular to the rays of the Sun. Thus, the optical
axis of the television cameras will be fixed in vehicle
body coordinate system. When the spacecraft reaches
the vicinity of the Moon, it will undergo a commanded
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terminal maneuver to aline the optical axis of the tele-
vision cameras with the spacecraft velocity vector for
descent to the lunar surface.

The initial command to the TV subsystem will occur
2.5 hr after the mid-course maneuver, 18.5 hr after launch.
This command will originate in the CC&S, and will turn
on the cruise mode (Channel 8) telemetry. At a time
corresponding to 15 min before impact, the complete TV
subsystem will be turned on in a warmup maode by a
real-time command from the DSIF. Provision will be
made for a CC&S backup command to support the real-
time command for warmup of the payload. The TV sub-
system will be turned on in a full power mode 10 min
before impact by an internally generated command from
the RCA control programmer. This internally gencerated
full-power-on command will be supported by a backup
command from the spacecraft CC&S. At 1 min before
impact, the video data from the Type-F cameras will be
switched out, and the data from the 4 Type-P cameras
will be transmitted over both channels. This camera
switchover will be accomplished by an intemally gener-
ated command from the control programmer. In the event
of loss of spacecraft stabilization or high gain antenna
lock. a real-time command will be used to switch the TV
subsystem into an emergency telemetry mode, In the
emergeney telemetry mode, the TV subsystem terminal
telemetry data is transmitted over the high gain antenna
using full transmitter power.

3. Test and Operations Schedule

Based on the assumption that RA-5 may be the 1+
of the high resolution TV experiments, RA-5 is scheduled
to begin assembly on March 19, with test operations
scheduled to start April 23. This assumption places the
most stringent time reguirements on the program sched-
uling.

RCA will deliver 2 sets of their system test GSE to JPL.
The 3" set that will be needed for AMR operations will
be utilized by RCA during checkout of flight hardware at
their  Astro-Electronies  Division (AED), and will be
shipped to AMR in time to participate in test operations
of RA-5. Though this is in contradiction to normal require-
ments that all portions of the system test complex be
checked out and utilized together at JPL, more is to be
gained by having the equipment available to RCA for
checkout of flight units over a longer period of time than
having the GSE participate in JPL test aperations. The
RCA equipment has a minimum of clectrical interface
with the rest of the system test complex and, as such,
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compatibility with the TV subsystem is of more conse-
quence than test complex operation.

It is planned to use the engineering test model (ETM)
to system test the checkout equipment as well as to prove,
under continuing operating conditions. the design concept
of the TV subsystem itself. Upon completion of checkout
cquipment integration at AED, the ETM will be available
for a period of time to expedite the installation and check-
out of checkout Unit 2 at JPL. Availability of the model
at that time would materially shorten the period required
to start testing of the PTM.

In an effort to expedite the drlivery of qualified sub-
assemblies, some departure from the initial ETM-PTM
flight units concept has been permitted. Although this
new concept will mean quicker delivery of qualified com-
ponents, it is achieved at some expense in the time
required to arrive at full integration of the ETM, as
originally planned. At present, it is planned to use bread-
boards in the ETM to as great an extent as possible. This
plan will permit construction of an electrical model for
use in evaluating the ground checkout system, in perfect-
ing testing techniques, and in generating test procedures
1eflecting these techniques.

The system test complex will be set up in a manner
similar to that utilized on Rangers RA-3 and -4. The addi-
tion of 13 racks of RCA equipment will consist of: 7 racks
for final picture recovery and recording; 2 racks for TV
subsystem simulation, monitoring, and control (hard
line); and 4 racks for receiving equipment.

Since the flight TV subsystems for the 1** spacecraft,
and partial equipment for the 2" spacecraft, will not
arrive until well along in the spacecraft test phase, the
RCA electronic mockup and proof test model (PTM) sub-
systems will not arrive in time for the 1* few weeks of
RA-5 at JPL, and for the initial test operations of RA-6.
The PTM subsystem will have to handle initial testing
of the following spacecraft also as the flight TV sub-
systems will not arrive in time for the 1** few weeks of
testing. It is planned that the RCA temperature test
mockup together with a temperature test spacecraft be
utilized in the 25-ft space simulator in March 1962, 1t is
corsidered mandatory that this test be made sometime
before an actual flight Ranger spacecraft is subjected to
this environment.

4. Basic Structure

The mechanical design of the TV subsystem basic
structure has been established to the extent that assembly
and detail drawings have been prepared for the structure.
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These drawings reflect some changes in design brought
about by a rearrangement of the 8 cameras, and relocation
and method of inserting the batteries onto the structure,
Final drawings for the complete structure were released
to Lavelle Aircraft Corporation, the structure subcontrac-
tor, November 1961.

A full-scale plastic model of the structure has been
fabricated. The full-scale model will be used to verify
location of equipment on the structure and as a guide in
the assembly of the actual structures. A preliminary stress
analysis has been completed for the central box column,
the thermal shield, and the TV subsystem mounting
attachments.

A drawing of the structure is shown in Figure 13. The
batteries are located in the lower bays, and inside the
rectangular box frame. Except for the batteries and
camera electronics, the equipment subassemblies are
mounted between the thermal shroud and the box struc-
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Figure 13. Basic structure
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ture exterior. Removable panels in the rectangular box
structure are not required with this arrangement, thus
providing a more rigid box structure.

The thermal shroud is a 0.032-in. thick, and is designed
to carry part of the structural load. The shroud is fabri-
cated in 4 quadrants, Of the quadrants, 2 are permanently
fastened to the assembly; the other diagonally opposite
quadrants are removable for access to the interior for
inspection, removal, and replacement of equipment.

A detailed weight analysis of the structure was com-
pleted using the final assembly drawings. Results of the
analysis indicate a weight of approximately 75 Ib for the
structure and thermal shield. Desiga efforts aimed at
reducing the weight of the structure and thermal shield
have been initiated on a noninterference basis with the
structure delivery schedule.

The initial structure and thermal shield will be used
in the mechanical test model. In order to expedite
delivery, Lavelle has been instructed to deliver this
structure and thermal shield without any special surface
treatment. The third structure and thermal shield will be
used in the engineering model, and all aluminum alloy
parts will be anodized. The thermal shield for the 20
unit (thermal test model), 4'" unit (proof test model), and
Units 3, 6, 7, and 8 (flight models) will be cleaned,
polished, and buffed on both sides to provide a bright,
mirror-like, reflective surface. The remaining parts of
these structures will be anodized.

A preliminary stress analysis has been completed for
the critical elements of the structure. Results of the
analysis verify that the design is structurally sound:
however, a detailed stress analysis is being made.

5. Electronic Subsysiems

a. TV cameras. In order to ensure meeting the required
delivery schedule, the original camera design was based
on previous operating systems, However, as the design
study has progressed, it has become evident that more
changes than were originally planned would be necessary
in order to meet the requirements of the Ranger TV sub-
system. Additional personnel have been assigned to the
camera clectronics in the RCA Camden facility. This
group will complete the design of the circuits and their
packaging, and fabricate the units,

Layout and fabrication of breadboard models for the
engineering model are essentially completed. As soon as
these boards are tested, they will be operated with a
voke-vidicon assembly. This operation should furnish
redesign information for the proof test model.
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After the fabrication and testing of the first 3 cameras,
subsequent layout and fabrication (incorporating the
necessary changes) will he made using printed circuits
with the printing on the component side.

The television equipment consists of six 1-in. vidi-
con cameras. Of these cameras, 2 are fully scanned
producing a resolution of 800 TV lines
over a tube format of 0.44 by 0.44 in. with a side field
coverage of 8.4 deg. A reduced raster is utilized by 4 of
the 6 cameras scanning a 0.11- by 0.11-in. central portion
of the tube at approximately the same line density to
produce a resolution of 200 TV lines. The side field of
view is 2.1 deg and is achieved with the same focal length
lens as specified for the fully-scanned cameras. This leads
to a natural designation, Type-F cameras for fully
scanned and Type-P for partially scanned. The Type-F
cameras are used as Cameras A and B in the system con-
figuration and Type-P cameras are used as Cameras 1, 2,
3, and 4. The Type-F and Type-P cameras use the same
imaging transducers and optical equipments and differ
only in the detail of th .r electronic circuitry, The image
transducer is an electromagnetically focused, 1-in. deflec-
tion vidicon photoconductor with a resolving capability
in excess of 800 lines per picture height.

The Type-F or fully-scanned camera utilizes 1152
active horizontal scan lines over the 0.44 by 0.44.in.
faceplate arca. The horizontal scan rate is 450 cps with
0.22 ms appropriated to horizontal blanking. The active
scan lines plus 46.8 ms for vertical blanking add up to
the 2.56-sec frame period. At the end of its active scan
the Type-F came. a enters an erase phase which occupies
an equal amount of time. In the Ranger television system
2 Type-F cameras are alternately scanned and crased in
such a manner that 1 is being scanned while the other is
being crased. This timing sequencer is illustrated in
Figure 14

Table 23. Camera performance summary

Comera designatien
Parameter

A B 1,2, .4
Frame time, tec 2.56 0.2
Yertical blanking, ms 40 6.6
Horizontal line rate, cps 450 1500
Horizonto! line time 222 ms 666.6 usec
Horizontal blanking 0.22ms VEEY usec
Real resolution TV lines 800 200
Format, in, 0.44 by 0.44 0.11 by 0.11
Video bandwidth, ke 187 187
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Figure 14. Camera timing and waveforms

The Type-P or partially-scanned camera utilizes 300
horizontal scan lines over a 0.11- by 0.11-in. faceplate
arca. The horizontal line rate is 1500 cps with 111.1 usec
allocated for horizontal blanking. The vertical scan plus
a 6.6-ms blanking period occupies 0.2 sec. At the end of
the vertical scan an erase procedure is initiated which
occupics 0.64 scc. In the system, 4 Type-P cameras are
sequentially scanned; while 1 is being scanned the
remaining 3 are in various portions of their erase cycles.
A 40-ms pulse is used to separate each sequence of 4
Type-P camera exposures. The total period per sequence
is then 0.84 see. Figure 14 illustrates the basic camera
timing as well as the relationship of the 4 cameras in the
svstem.

Each of the Type-F and -P cameras will derive their
scan synchronization from the control sequencer. Of the
Type-P cameras in a svstem, 3 will have their deflection
amplifiers driven directly from the control sequencer. One
of the 4 Type-P cameras will have free running horizontal
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and vertical sync generators which can cither be kept
in step from the control sequencer or can supply sync
without external excitation. This is an additional measure
of safety intended as an emergencey mode of operation in
the event of failure of sync.

The cameras will cach contain a preamplifier and video
amplifier. There will be 2 designs breadboarded and
evaluated. Design 1 utilizes a nuvistor preamplifier and
a transistorized amplifier with a frequency pass band
from near de (about 5 cps) to 187 ke, The lower limit is
to prevent unwanted shading and the upper limit con-
tains the frequencies corresponding to the 800 TV lines
and 200 TV line resolutions, respectively. The 27 design
to be breadboarded will use a tuned band pass amplifier.
A high frequency signal injected on the vidicon grid
causes the beam current to vary at this carrier rate
and to modulate the video information. This carrier and
the lower side band can be amplified by a band pass
amplifier followed by a phase detector. The decision as
to which circuit design will be used will be based on a
comparison of the resulting signal-to-noise ratios.

The camera circuitry will also include a control grid
current regulator, a focus current regulator, shutter drive
circuits, dark current compensation, fast crasure circuits,
and de-to-de converters for both high and low voltages.

The optics for Type-F and Type-P cameras will be
identical lenses with a 76-mm focal length and an f/2
aperture ratio. Responses to preliminary specifications
have been received from 4 vendors and sample lenses
have been received from 2 vendors. Optical tests were
performed on the samples utilizing the sine wave response
technique and equipment of the applied research group

of RCA Camden.

The shutter for Type-P cameras will be a Tiros type.
linearly-actuated slit shutter. The slit will be adjusted to
provide a 1-ms exposure and the traverse time of the slit
over the 0.11 in. will be about 2 ms, If an exposure is
made 0.2 sec before impact, the resolution will approach
0.2 m per line pair. The 1-ms exposure will prevent image
smear for a 2.5-deg misalinement of optical axis with
respect to the velocity vector, This will provide a high
assurance of eliminating any smear from the last picture,
It may also be traded off for additional exposure of the
vidicon if necessary.

The shutter for the Type-F cameras will be a scaled
up version of the Tiros shutter. It will be designed to
cover the O44-in. fullv-scanned format. Its slit will cause
a 5-ms exposure which is sufficient 1o prevent image
smear prior to the T-min switchover signal. In the event
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the switchover is missed, the Type-F camera can con-
tinue to supply useful pictures down to 2.5 sec before
impact. The additional exposure time will be useful in
correctly exposing Camera A through the various color
filters and, in general, will erase the difficulty of the
shutter design.

The Type-P shutter is being fabricated at AED and
shutters for the Type-F camera are being designed and
fabricated in Camden.

A color wheel containing 3 color filters and a single
neutral density will be supplied with Camera A. The
wheel will be caused to sequentially position a different
filter in the optical path for cach exposure of Camera A.
It will feed a coded signal to the control sequencer, which
will be used to gate on the appropriate tone signals during
the vertical blanking signifving the color filter being used.
The specification of the spectral responses and trans-
mission factors for the blue, green, red, and neutral filters
will proceed carly in the breadboard phase.

Work on the filter wheel is being done at AED. At
present, the mechanical portion of the wheel is designed,
and engineering releases have been issued for 4 assem-
blies. Spectral response tests have been conducted on
vidicons for the color system. These tests will continue.
Final sclection of the filters for use on the wheel has not
vet been made,

Six Bausch and Lomb lenses and 68 Elgeet backup
lenses have been received, and testing of the lenses has
begun. If the Bausch and Lomb lenses meet all require-
ments, the backup lenses will be used in breadboards
and test setups. The specification for the collimator has
been written, and vendor quotations are being received
at present.

Five Type-P camera housings have been released to the
maodel shop. The housings will incorporate the mechanical
focusing and centering of the vidicon voke assembly with
respect to the optics.

The 147 vidicon has been delivered for evaluation and
test; more complete specifications for the vidicons are
being written.

b. Camera sequencer and control programmer.,

Camera sequencer. \Work on the camera sequencer has
been subcontracted and has been directed toward final-
izing the logic design and testing the basic logic circuits.
The addition of new inputs, and difficulties encountered
in adhering to the 10 to 1 65°C temperature range,
make it necessary to increase the number of circuits over
the number originally planned. Most of the preliminary
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design has been completed and the major effort in all
areas is at present being expended on circuit packaging.

A complete block diagram of the control programmer
and camera sequencer is shown in Figure 15. The blocks
enclosed by the dashed lines represent the digital portions
of the camera sequencer; the flow relationships with the
video combiners, camera subsystems, transmitters, and
test functions are indicated.

A primary and a standby 18-ke master timing reference
generator provide the base for all pulse generation. A
peak-to-peak detector serves as an inhibit monitor for the
standby clock and also provides a telemetry signal indi-
cating whether the oscillator is operating or nonoperating,
This circuit has heen temperature-qualified as a bread-
board using 0.2-usec (nominal) clock pulses.

The remaining circuits of the camera sequencer have
been designed around 2 standard logic circuits: a flip-flop
multivibrator and a nor gate.

The clock reference frequency is subdivided by a series
of counter circuits in both the F and the P chains. Fig-
ure 18 shows the F-division chain and Figure 17 shows

FROM lg;; A 4.52kc B 450 ¢cps c
OUAL Spvcl o 222 ysec 10 2.22 masc .3
CLOCK
150 cps D 50cps E_25¢ps F__ 0I95¢cps
6.66 meac 20 msec 40 msec 5.12 sec
+3 +2 +28 -

Figure 16. F-division chain

the P-division chain. The pulse widths and time durations
requircd by the system are decoded by the F- and P-logic
decoders. An example of this method of obtaining timing
and synchronizing signals is the generation of horizontal
synchronizing pulses. As shown in Figure 18, a pulse de-
coder gate is used, which recognizes 1 particular com-
bination of flip-flops B, C, and D. The output will recur
cvelically and the pulse width is determined by the num-
ber of inputs to the gate. The configuration requires no
controls, has no time constant to take into consideration,
and is not susceptible to system complexity.

f VIDEO | F CAMERA
COMBINER SUCSYSTEM
r— ——————————————— pr— e gy — e— —— —. %. i — C— — j
| F 1] |
POWER SUPPLY
: = Vwvenrer [ &J’.’?»f& |
| REGULATOR o, [ :
FILTER
| | I ) Y WHEEL |
F DIVISION ¢ LOGIC LOGIC
| CHAIN DECODER I
I |
FROM | oL F TIMER power | |
PRIMARY { AMPLIFIER | | | COMMUNICATION
power > cLock — TURN-ON SUBSYSTEM
reguLatoR | ° . P TIMER osic | |
| P DIVISION P LOGIC l
I CHAIN DECODER |
! [} I
| P P vuonz& - CAMERA |
POWER PPLY COoMBI SWITCHOVER
: o PO vEmEn LOGIC LOGIC l
REGULATOR 3
| $ |
e e - ——— —— - —— ——o —_.,— . —— — — — —
‘ ‘ OPERATION
P VIDEO P CAMERA AND
COMBINERS SUBSYSTEM TEST SWITCHES
Figure 15. Control programmer and camera sequencer
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Figure 17. P-division chain

Figures 19 and 20 show times of occurrence and time
relationships for the interface signals required for the
camera control and summing amplifier. The camera
sequencer controls the positioning of the Camera A filter
wheel as shown in Figure 21. The first 2 stages of the
F-division chain 5-min timer provide a 4:1 count of
the Camera A fields. Each of the 4 filter wheel positions
(red, green, blue, and neutral) is assigned to 1 of the 4
possible combinations of Counters A and B. An analog
voltage representing wheel position is taken from a poten-
tiometer arm linked mechanically to the filter wheel drive.
This analog voltage is converted to a 2-bit digital repre-
sentation for comparison with the A and B bits. During
oper-tion, when the A and B combination changes, the
comparison circuit produces an output to the motor which
drives the filter wheel until the input from the analog-to-
digital converter is thc same as the new A and B
combination. Preaminary observations indicate that the
changeover time from 1 filter to the next is less than 1 sec.

Video outputs from the 2 cameras of a set are summed
by a video summing-mixing amplifier to provide modula-
tion to the transmitter modulator. Video from cach cam-
era is applied to a summing amplifier through the analog
gate. The gates are programmed by the sequencer. The
analog gate preserves the de level of the video signals
and causes less amplitude distortion of the signals than
would be caused by single-ended switches operating near
cutoff. Preservation of the de level is necessary because

osciator | | & | | 8 L[| ¢ 0 €
18 ke o 1|]lo o ]lo 1] lo
| > 8, C AND D

TRUE ®{ |® FALSE-» j=& TRUE

Figure 18. Horizontal synchronizing pulse derivation
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any offset of the de level introduced between the camera
and the modulator alters the transmitter center frequency.
Switching transients observed with this type of video
switch are of the order of 30 to 30 mv at the diode bridge.
Analog gates, having greater dynamic range, produce
transients of the order of several volts, which could cause
over-modulation, video spikes, false synchronizing pulses,
and other spurious effects. The amplitude and frequency
of transients measured in this circuit are of the order of
1% of the synchronizing pulse tip-to-peak white amplitude,
and can be tolerated without difficulty. The switches have
been operated over the full temperature range with less
than 20-mv level change observed.

The basic summing amplifier consists of a medium gain
vifferential amplifier with feedback for amplitude linear-
ity and pass band control for FM pre-emphasis. Open-
loop gain measurements indicate adequate gain stability
over the temperature range, measurement of closed loop
gain shows no measurable change from 10 to +65°C. The
pre-emphasis characteristic of the amplifier is shown in
Figure 22,

Use of a level control has resulted from the need for an
optimum synchronizing pulse shape for best pre-emphasis
utilization and the need for balance of the differential
amplifiers. As it is now planned, this will be the only
adjustment in the control programmer and the camera
sequencer s.absystem.

Three crystal-controlled oscillators are planned as the
tone generator frequency sources. Tests of breadboards
have indicated more than adequate frequency stability
to satisfy the 0.1 accuracy required. However, final
measurement cannot be made until crvstals of the correct
frequency are available. The 3 oscillators individually, and
afined combination of all 3, give various summing amplifier
inputs and allow the use of summing amplifiers that are
nearly identical.

Design of the command switch has been accomplished
by the clectrical integration group, and a description of
the operation of the command switch and associated
relays is included in the eleetrical integration discussion
of this report.

Relays are used at present in the control circuits of
many of the Ranger TV subsystem assemblies. These
relays control application of power applied to the assem-
blies. In some cases, 2 relavs are used to accomplish
power application.

Since electromechanical relays are considered inferior
to solid state devices with respecet to reliability, weight,
and spice consumption, the use of switching diodes to
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Figure 19. Type-F camera interface signals
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Figure 21. Filter wheel positioning cireuit

replace certain of these relays is being investigated. A
preliminary design is underway at present incorporating
the diodes.

c. Communications and telemetry. The design approach
to the Ranger television communications is to provide
communication subsystem components for the transmis-
sion and reception of the multiplexed TV data and
telemetry data. Specifically, these components consist of
the following:

(1) Spacecraft telemetry components consisting of a
3-kc subcarrier oscillator (SCO), two commutators,

two 235-ke SCO’s, an ac amplifier, and a de-to-de
converter.

(2) Spacecraft transmitter.
(3) Spacecraft power supply.

(4) Spacecraft communication system integration com-
ponents such as junction boxes, control panels, ete.

(5) Ground telemetry components.

GAIN, db

FREQUENCY, k¢

Figure 22. Summing amplifier pre-emphasis
characteristic
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(6) Ground receiver components including a 30-mc
mixer, two 5.0-mc IF amplifiers, and two 0.5-mc IF
amplifiers with automatic frequency control.

The current spacecraft and ground configurations are
shown in Figures 9 and 23

Modulator-exciters. The modulator-exciter schematic
diagrams are shown in Figure 24. The design reflects the
reliability requirements of design simplicity and the uti-
lization of the minimum number of circuit components.

The frequency stability measurement on the 1* un-
compensated breadboard of the circuit have been within
+0.003% for the 0 to 50°C range. This employed the use
of a series resonant 20.819444-mc crystal. The order has
been placed for 20-me crystals having +0.0005% stability
under temperature.

Temperature compensation is being performed on the
oscillator circuits and it appears that the 1L.001% require-
ment may be met without the use of a crystal oven.

Frequency deviation requirements for the modulator
have been met with less than 2% distortion of the modu-
lating signal. With the transmitter operating frequency
in the vicinity of 980 mc and the base exciter frequency
at 20 me, a total frequency multiplication of 960 20 = 48
must be accomplished in the multiplier chain. Thus for a
total frequency deviation of 400 ke at 960 mc, the devia-
tion requirement of the 20-mc oscillator is 400 48 ke =
8.33 ke or approximately +4.2 ke around the center
frequency.

The curve of Fugure 25 shows the total deviation capa-
bility of the circuit and Figure 26 shows an expansion of
the curve around the proposed bias point. Figure 26
points out the linear relationship between frequency and
modulating signal which has a total :)ermissible distortion
of less than 27 for modulating signal (sine wave up to
600 ke with flat response) magnitudes which produce total
deviations up to 9.5 ke.

The distortion measurements were made by ac coupling
an audio signal into the varicap circuit at Test Point A.
Modulation frequency response was measured from 2 to
600 ke with less than 1-db change in total deviation, for a
modulating signal strength which produced a total devia-
tion of 9.5 ke.

The establishment of the modulator amplifier interface
with the video and telemetry inputs has not yet been
completed. As such, design effort in this area is limited.
The RF section is shown in Figure 27. The output signals
from the modulator-exciters at 240 me are fed to the X4
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Figure 25. Modulator deviation characteristic

varactor multipliers. The 9680-mc output of the multipliers
drives the vacuum tube intermediate power amplifier
(IPA). The 7-w output of the IPA drives the 60-w power
amplifier.

At this point, the signals from the 2 chains are com-
bined in a 4-port coaxial hybrid ring, which provides
20-db isolation between the 2 chains with an insertion
loss of 3 db. This loss, 30 w per chain, is absorbed in a
dummy load. The output from the hybrid ring is com-
bined in the directional coupler with the 3-w signal from
the bus transmitter.

The directional coupler provides 30-db isolation be-
tween the 2 signals with insertion losses of 16 db for bus
transmitter inputs and 0.5 db for the TV, The RF signal
then enters a 3-port ferrite circulator from which (at a
0.5-db insertion loss) the power is fed to the directional
antenna. Reverse power, as a result of antenna mismatch,
will be dissipated in the dummy load associated with the
ferrite circulator. The total insertion loss from power
amplifiers to antenna (assuming an antenna VSWR of 1.0)
is 4.0 db, providing 24 w per transmitter at the antenna.

The over-all chassis drawings for the modulator-exciter
have been completed. Connectors for the modulator-
exciter have been ordered and fabrication of the chassis
is in process.

Minor changes have been made in the <12 multiplier
becanse of packaging requirements in the modulator—
exciter chassis. Drawings for the 12 multiplicr, the ~ 4
multiplier, and the 7-w amplifier have been released to the
maodel shop, and fabrication of all 3 units is proceeding,
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Figure 26. Modulator deviation expanded plot

Temperature and vacuum tests have been conducted
on the 680-w power amplifier with favorable results.

Power supplies. The preliminary design on 2 power
supplies, a 150-w unit and a 15-w unit, has been com-
pleted. However, changes in the over-all TV payload
design have imposed significant changes in the 150-w
unit. This unit was to have supplied 1000, 250, and 100 v
outputs from a double-transformer, solid state converter
operating from 275 v.

The changes to both voltage and current requirements
require replacement of the 150-w unit by 2 units of 190-
and 390-w, cach with an operating frequency of approxi-
mately 2 ke, The 190-w unit will supply 500 v at 100 ma,
300 v at 50 ma, 100 v at 300 ma, 8.3 v ac at 1 amp, and
6.3 v ac at 8 amp. The 330-w unit will supply 1250 1000 v
at 250 ma. These 2 power supplies will be housed in a
single case and shiclded to reduce effects of stray mag-
netie fields.
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The 15-w unit will be housed in a separate shielded
case. This unit is to supply 27 v regulated at 500 ma. This
is a single transformer, solid state converter design, with
an operating frequency of 2 ke. It operates from - 27.5-v
dc primary power. Preliminary design on the larger 2 unit
power supply has been started. Mechanical design of the
15-w unit is underway.

Telemetry. The spacecraft and ground tclemetry com-
ponents are presented in Figures 28 and 29,

The communications system analysis has been made
for the carrier-to-noise ratio, picture signal-to-noise ratio,
and tone code signal-to-noise ratio. An analysis of the
effects of using pre-emphasis to gain an improvement in
signal-to-noise ratio for video transmission has been made.
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Figure 28. Telemetry flight equipment
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d. Primary power.

Batteries. The Ranger TV subsystem power supply
will consist of 2 silver-zine storage battery units
which will feed a common series-type voltage regulator
and furnish a regulated output of 27.5+0.5 v. Each of
the individual battery packages will be capable of
furnishing the total payload energy requirements as
determined by the mission power profile, improving the
over-all reliability of the svstem. In addition to the
batteries and voltage regulators required for the pay-
load power supply subsystem, battery chargers and
external power supply units will be required for the
development, testing, and checkout of the payloads.

Each battery unit will consist of 22 series-connected,
silver-zine, electric storage cells. The batteries will be
hermetically sealed: cach 22 cell unit will be mounted in
a stainless steel or anodic magnesium case. The individual
cells will be matched for voltage and current char-
acteristics, and will be constructed to minimize battery
degradation duc to clectrolyte evaporation, separator
deterioration, internal short circuits, and heat dissipation.
The battery units will be rechargeable for ground payload
operation and testing, but will operate in a single-shot
mode during the actual mission. Weight of the battery
unit, consisting of the 22 cells and the mounting case,
will be approximately 43 Ib. Each unit will occupy a
volume of about 1000 in.?. There will be 2 parallel battery
units incorporated in cach payload. The 2 units will feed
a common voltage regulator, and will be separated by
diode isolators to prevent a malfunction in 1 battery unit
from affecting the performance of the other unit.
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A systems test set of batteries and a flight set of bat-
teries will be provided with each payload. The systems
test set of batteries will be used to furnish internal power
during the integration and testing of the payload, and will
be recharged as required during testing. The flight set of
batteries will be inserted after the completion of the final
systems tests, and before the payload is mated with the
Ranger spacecraft, in order to minimize the accumulated
test time on the flight units. Each battery unit will have
a rated nominal capacity of greater than 1800 w-hr with
a 200-w-hr margin of safety, and will be capable of
furnishing the total energy requirements for the payload
mission.

The problem of assuring the internal and external
sterility of the battery units will be considered in design
of the batteries and selection of the battery mounting
locations in the payload structure. The feasibility of
thermally sterilizing the dry batteries as a part of the
complete payload, and subsequently inserting a sterile
electrolyte will be investigated. If design of the batteries
precludes thermal sterilization, it is planned to thermally
sterilize the pavload without batteries, and subsequently
insert the batteries in a sterilizing gas environment to
ensure sterilization of the mating surfaces between the
battery container and the structure. However, the use of
liquid surface sterilants may be applied to the battery
mating surfaces and the process of attaching the bat-
teries to the structure in a sterilizing gas environment

will be avoided.

The Electric Storage Battery Company (ESB), Missile
Battery Division, Raleigh, N. C. was selected to supply
the batteries. ESB conducted tests on Ranger cells to
determine the design requirements. Figure 30 shows a
plot of current density vs cell voltage at 50°F. The points
for the curve were obtained during the final 209 of cell
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Figure 29. Ground station engineering telemetry
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capacity. A preliminary design by ESB (based on an
RCA spec) indicated that 21 cells could not supply the
required terminal voltage. The design has been changed
from 21 to 22 cells.

A sensitive differential amplifier will be used as the
error detector. One input to the differential amplifier will
be provided by a temperature stabilized voltage reference
zener diode driven by the constant current generator.
The other input to the differential amplifier will be
derived from the unregulated bus voltage error applied
through a resistive voltage divider network. The series
regulating power transistor circuit will consist of several
matched transistors. These transistors will operate in
parallel in order to ensure proper load sharing and
adequate maximum power transfer.

The external power snppiy and battery charger units
will be adaptations of existing commercially available
equipments.

Voltage regulator. A series-type voltage regulator will
be used to provide —27.5 +0.5 v. There will be 2 bat-
teries supplying the unregulated power and the power
to the regulators, The maximum battery terminal-voltage
variation that can be expected is from —41.5 to —305 v
de. The TV transmitters and camera shutters will operate
from unregulated battery voltage to reduce the current
drain on the regulator. A reduced current drain will result
in reduced size and weight of the regulator,

The battery-regulator interconnection diagram is shown
in Figure 31. Diodes D1 and D2 will become reverse
hiased if cither battery develops an internal short, and
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Figure 31. Battery regulator interconnection

will thus prevent the other battery from discharging into
the shorted hattery. Diodes D3 and D4 are used in the
battery charging circuit of the umbilical cord. This circuit
will be used to charge the batteries at the time the bat-
teries are mounted in the payload, and again when the
payload is on the mounting ~.d. 1f the umbilical cord
or its connector to the payload should be shorted, diodes
D3 and D4 would become reverse biased and prevent
discharging of the batteries.

The breadboard circuit is shown in Figure 32, The
low power Transistors Q1 through Q4 are mounted on the
terminal board, and the driver Transistor Q5 and series-
regulating Transistors Q6 and Q7 are mounted on the
heat sink.

Transistors Ql and Q2 are connected as a differential
amplifier to perform the function of error detector. One

input to the error detector is a reference voltage of - 84 v
obtained from the reference zener Diode D1, The other
input is a fraction of the regulated output voltage obtained
from the R1, R2, and R3 voltage divider. R3 is used to
adjust the output voltage to exactly  27.5 v de. Any
variation of the output voltage resulting from load
changes or input voltage changes will cause the error
detector to amplify the difference between the reference
voltage and the changed fraction of the output voltage.

The error detector output is a differential signal which
is connected to another differential amplifier stage con-
sisting of Transistors Q3 and Q4. This stage amplifies the
output of the error detector and, in turn, drives the driver
Transistor Q5.

The connection of the driver Transistor Q5 and the
parallel-output series-regulating Transistors Q8 and Q7
has the advantages of high gain and no shunt current to
ground. By reducing the shunt current to ground to a
minimum, a high efficicney is maintained for the regu-
lator when the output load current is low. Capacitors
Cl and C2 are used to control the high frequency gain
and phase shift of the error amplifier to prevent high
frequency oscillations.

The regulation characteristic of the breadboard circuit
is shown in Table 24, The input voltage was varied from

30 to 40 v de, and the load current was varied from
0 to 5.0 amp. Also given is the variation in millivolts of the
regulated output voltage from  27.500 v de. The per-
formance of the regulator with respect to regulation is
more than adequate to meet the specified output-voltage
variation of + 0.5 v dc.

-278
< - - ’—?—o REGULATED
2N1490| 2M490 OUTPUT
: RI b d ¢ l—
2N1490 1.0 3 6.8x g T8 i; A1 20x g =
Q7 Q6 Qs -84y
2N329A

(2)

UNREGULATED
INPUT

c2 —h
0.25 uf I

. C!
™ 1000 puf

Y

[]]
IN430A

o

Figure 32. Voltage regulator breadboard circuit
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The regulator circuit breadboard was placed in a tem-
perature chamber and performance was measured at tem-
peratures from 0 to 72°C. Data obtained from this tem-
perature run is shown in Table 25. The input voltage to
the regulator was maintained constant at - 33 v dc, and
the load current was varied from 0.0 to 5.0 amp. Table
25 lists the regulated output voltages for the different
load and temperature conditions. A total change in the
output voltage of 0.25 v dc, which is well within the

Table 24. Regulator output variations for different
input and load conditions

input Lead current, amp
velloge, | 00 | 013 | o5 | 22 | 40 | s0
v
Regulater sutput, mv
—30 9.5 4.5 3.0 20 20 50
- 32 9.5 4.5 3.0 20 20 5.0
36 100 5.0 3.0 2.5 1.5 5.0
- 40 9.5 55 4.5 3.0 1.0 4.0

Table 25. Regulator output voltage for different
load and temperature conditions

Lead current, amp

o1s | oss | 23 | 40

Reguiater eutput, v

Tempere-
fure, °C 0.0 I

0 25.5 25.5 258 25.5 255
10 255 255 255 255 255
25 25.5 25.5 255 255 25.5
51 25.6 25.6 256 25.6 25.6
60 257 257 5.7 257 257
72 2575 2575 2575 25.75 25.75
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Figure 33. Major power draining periods

regulator specification requirement, was obtained on this
temperature run.

Mechanical design work has begun on a package for
the regulator and blocking diodes. It is planned to keep
the weight of the regulator to less than 1.5 Ib, and to
fit the regulator into a space 1.5 in. high by 3 in. wide by
5 in. long. Measurements will continue on the breadboard
to further prove its performance.

Power profile. The total power-drain profile for the
Ranger TV subsystem has been modified in accordance
with the new payload operational sequence and subsys-
tem requirements. Figure 33 shows the major power-
draining periods for the new sequence.

The new total energy required is approximately 896
w-hr. This is based on the requirements of the clock and
sequencer, voltage regulator, cameras, communications,
and telemetry units for the entire mission. Regulated and
unregulated power required by individual units during
cach of the major periods of the mission is given in Table
28. The total power profile is shown in Figure 34.

Ground battery-charger and monitor (launching-pad
arca). The purpose of the ground battery-charger and
monitor of the launching-pad area (Fig 35) will be to
maintain the full-charge capacity of the flight batteries
when power drain during prelaunch test is continued for

Table 26. Power drain breakdown in watts

Prelavnch Crvise Wermup Operation
Subsystem S min Oto18 hr 18 t0 66 he 15 te 10 min 10 te 0 min
R’ u/e’ n u/rt r u/rt R u/et [ /e
Communications and
telemetry 3 362.5 [} 0 9.2 0 33 273.6 kR 599
Clack and sequencer 45 [} 0 0 [} 45 0 45 0]
Voltage regulator 0 0.7 [} 0.7 0.7 0 0.7 0 0.7
Camero 60 0 0 0 0 60 0 60 0
Totals 138 363.2 1 0 0.7 9.2 07 138 274.3 138 599.7

"R regulated.
“U/R unregulated
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Figure 34. Total pewer-drain profile

an appreciable time. Since battery charging should not
take place while the payload equipment is operating
from the battery, the test procedure will make provisions
to prevent charging during the prelaunch tests.

Ground power supply charger and monitor (service
area). The ground power supply charger and monitor of
the service area (Fig 38) will have a threefold purpose:

(1) To monitor the terminal voltage of each battery
and to regulate battery charging by means of volt-
age sensing.

[ RANGER PAYLOAD ;

BatteRy  [cWaRGE  [BatTERv A |BATTERY B | MONITOM
A AND B CUMMON MONITUR MONTTOR T UMMON
CHARGE
—
L TWO- POINT
RECORDER
9 TIMER [ ]
BYPASS oy a
1
(4
1 ! arce | ' x\o
CHARGER
I cnamaer  SOOR J ‘
[ | VIVM

CHRCUIT

{
] I
10 CHARGER 20 m"]
-m
STARTER TIME R ‘

N5 v ac

1% v ac

Figure 35. Ground battery charger and monitor,
launching pad area
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(2) To monitor individual cell voltages by selection
and to also indicate continuously the temperature
of each battery.

(3) To supply external power for payload equipment
when desired.

An external power supply will supply 0 to 40 v for
powering the payload equipment when it is not desirable
to use hattery power. An external-internal power relay
will select either battery power or power from the exter-
nal power supply for powering the payload equipment.
This relay will be part of the test cable and will not be
flown. The relay will be actuated by manually operating
an external-internal power-select-switch. The same switch
acts as a safety feature by turning off the charger when
internal hattery power is selected. The 27.5-v supply will
power the thermistor circuitry and the external-internal
power relay.

All connections for battery charging and sensing will
be made through the payload umbilical cord; all connec-
tions for measuring cell voltages and battery temperatures
will be made through two 25-wire plugs.

Battery and voltage-regulator bench test load. In order
to test the battery and voltage regulator power capabili-
ties, a test load was designed. The bench test load (Fig 37)
will cnable any flight power profile to be simulated. This
will be done by means of 4 continuously-variable load
ranges: (1) 0.08 to 0.55 amp, (2) 0.55 to 2.8 amp, (3) 2.5 to
10.0 amp, and (4) 8.2 to 47.0 amp. A panel-mounted cur-
rent meter will be supplied for each load branch; battery
terminal voltage will be continuously measured by an
external meter.

6. Thermal Control

A detailed thermal analysis, to determine a continu-
ous temperature~time history of the clectronic modules
throughou: the mission, was initiated and is continuing.
There are 3 separate computer programs being used to
analyze configuration, radiation-coupling factors, and
mission temperature-time histories.

Thermal analysis directed toward a passive thermal
control technique is being made. The primary design
parameters of such a system are:

(1) Location of the electronic modules within the
spacecraft,

(2) Emissivity and solar absorptivity of all exposed
surfaces.

{3) Mass available for thermal heat sinks.
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Figure 37. Battery bench test load

The Ranger TV subsystem consists of electronic mod-
ules that are in operation during limited time periods.
Detailed examination of the modules indicates that there
will be high thermal dissipation in some modules and
little thermal dissipation in others. For this reason, the
modules cannot be treated as a gross isothermal body, but
must be treated as individual units, and a temperature-
time history predicted for each unit. Temperature-time
histories will be predicted for the following modes of
flight:

(1) 100-nm parking orbit.

(2) Passage through the Earth's shadow.

(3) Solar-oriented cruise (1* phase).

(4) Mid-course mancuver.

(5) Solar-oriented cruise (2% phase).

(6) Terminal camera orientation mode (1-hr duration).

(7) Terminal equipment warmup mode (5-min dura-
tion).

(8) Terminal operational mode (10-min duration).
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The over-all result of the thermal analysis will be a con-
tinuous temperature-time history of appropriate elec-
tronic modules from launch to impact on the Moon.

Three machine programs are being used to analyze the
system. A program has been developed for the IBM-709
computer to evaluate configuration factors using the prin-
ciple of contour integration. The 2" program, for analog
computing equipment, evaluates radiation-coupling fac-
tors, which are a function of surface emissivities, module
arcas, and configuration factors. An RCA-501 computer
will be used to compute temperature-time histories of the
modules. The program for this computer is designed for
solution of the temperature-time dependence of a 30-day
body system, with cach body exchanging energy with
all other bodies by radiation and conduction.

Considerable design effort is required to evaluate the
radiation-coupling factors, conduction-coupling factors,
and cffective thermal mass for cach module. The
temperature=time forecast is dependent on the accuracies
of these factors, and in view of the complex geometry of
the capsule, effective evaluation of these factors can only
be obtained from testing of a thermal model. A detailed
thermal model is being constructed for testing. The model
will closely approximate a flight payload. It will be struc-
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turally accurate and contain modules that simulate the
electronic modules in size, weight, placement, and ther-
mal dissipation. The model will be placed in a vacuum
chamber capable of simulating external energy flux by
infrared radiation at pressures of 1 X 10 mm Hg or
lower. After necessary design information has been
obtained, a solar-simulation test should reveal any ther-
mal design problems that might exist, in time to permit
solutions for the proof test model.

A problem associated with thermal design is the evalu-
ation of contact conductance between mating surfaces.
Contact conductance between electronic modules and
structural mounting areas approaching that of solid metal
is desirable in order to minimize thermal gradients. A
literature search was initiated to determine what mate-
rials might be applicable. The conclusion was reached
that all mating areas should have specified flatness devi-
ation and surface roughness characteristics. If a particular
module must be removable from the structure, eithcer a
soft aluminum shim, silicon grease, or other appropriate
materials will be used between the interfaces. For fixed
modules, thermally conducting epoxies will be applied
to form a solid mechanical bond. Mechanical attachments
for the modules will be designed to provide a high, uni-
form contact pressure at the interfaces for removable
units.

A study has been conducted to determine an analytical
expression for conduction coupling. The first model inves-
tigated consisted of 2 heat-dissipating bodies, mounted
to an infinite, insulated plane. The model configuration
was mapped, by means of complex variables, to a plane

JPL SPACE PROGRAMS SUMMARY NO. 37-13

where the boundaries of the bodies appear as concentric
rings, a situation for which the conduction equation can
be easily written. By using the appropriate complex map-
ping function, the conduction equation was written for
the model, and an effective conduction coupling factor
was obtained. The model was extended to include many
bodies on a plane, with radiation exchange from the
surface. It is anticipated that the results of this study
will provide realistic conduction-coupling factors for the
machine program.

Design of the thermal model and proof test model test
facility was initiated. It is planned to use lamps to sim-
ulate incident solar energy on the capsule. A test fixture
is under development to provide a variable, uniform
intensity on appropriate surfaces.

Results are listed in Table 27 of the preliminary cal-
culations to determine magnitudes of thermal mass
needed to minimize terminal temperature rise. The results
indicate that many modules are sufficiently massive to
require no additional heat sink. However, a few units are
low in weight and have high dissipation densities; addi-
tional heat sink material is required for these units.
Change-of-state materials with favorable thermal proper-
ties (wax in particular) are being investigated for use as
additional lightweight heat sinks.

Temperature sensors for the spacecraft have been
designed using the following system parameters:

(1) Supply voltage, 27.5 v.
(2) Output voltage range, 0to —5 v.

Table 27. Preliminary estimate of effective heat sink weight required to hold impact temperature below 60°C*

Power dissipation,w Additienol Crvise temperatures, °C .
Comp t | howt sink g
Compenent Size, in, - weight, Ib weight :,:'..: With ln'::o.."c
rvise Wermup Operetion required power en poewer on

A26 telemetry 12X 5%, % 5% s 12 12 10 0 0 6 7
A16 power supply 8X6x4 0 10 75 n [ 0 ] 30
A4 transmitier 8.76X85.75x2.58 0 [} 90 4 0 0 [} 52
A5 amplifier S X 2% X 2% 0 7 70 1 0 0 6 108

19 0 ] 53
A24 4-port hybrid 6% DX 1y, 0 0 5 1.5 0 0 ] 3
A25 dummy load IX1X 14 0 0 60 2.5 0 0 é 53
A7 power relay IXIX2? 0 4 4 0.9 0 0 [} 58
A10 battery 7.3 X167 %6 2 0 120 44.2 0 0 [] u
A12 regulator IXSX)S 5 73 84 3 0 0 6 73

1.0 é 60
“Based on weight of aluminum.
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(3) Subcarrier oscillator input impedance
Cruise, 500 K.
Terminal, 1 megohm.

It was determined that 2 temperature ranges would be
adequate for monitoring all of the desired temperature
test points. The ranges chosen are --10 to 65°C, and
~10 to 100°C.

7. Subsystems Integration

Electrical. The design concept has been established
for command switching of the TV subsystem by real
time command (RTC) signals from the spacecraft bus.
The purpose of this switching is to set the TV subsystem
into different modes of operation required by the mission
sequence of events.

Figure 38 shows the circuits and interconnections used
for mode switching. Switching is accomplished by means
of a rotary stepping switch that advances 1 position for
each RTC signal received, and relays that are energized
or de-energized depending on the rotary switch position.
The 3 RTC signals which operate the command switch
are:

(1) Warmup signal.
(2) Emergency mode signal.
(3) Emergency mode-off signal.

When the warmup signal is received, the commaned
switch advances from Position 0 to Position 1. This action
energizes Relay K6 in the command switch, Relays K3
and K4 in the transmitters, and Relay K5 in the telemetry
section.

When Relay K8 is cnergized, a regulated  27.5-v de
power line is closed, applying  27.5 v to the sequencer
and camera assemblies. The camera sequencer and cam-
era assemblies do not have power switches; the applied
—27.5 v starts the operation of these assemblies. Relays
K3 and K4 apply unregulated - 39 v dc to the transmitter
power supplies. Relay K5 in the telemetry section closes
contacts to —-27.5-v regulated power to initiate terminal
telemetry operation.

The warmup signal has a backup from the CC&S in
the bus. This equipment provides a 100-ma contact clos-
ure for the backup signal. Total current required by the
relay coils is 410 ma. Therefore, the CC&S signal 1aust be
amplified to operate the relays in the absence of the RTC
warmup signal.

The emergency mode signal is the next RTC mission
sequence. When the emergency mode signal is received,
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the command switch advances from Position 1 to Position
2, energizing Relays K10 and K11 in both transmitters.
When these relays energize, the cameras become discon-
nected from the transmitters and the terminal telemetry
signals are connected directly to the transmitters. In this
position of the command switch, the warmup signal is
still applied to the warmup relays to keep the TV sub-
system in operation.

The final signal received from the bus is the emergency
mode-off signal. This signal advances the command switch
to Position 3, causing Relays K10 and K11 to de-energize.
With Relays K10 and K11 de-energized, the cameras are
again connected to the transmitters, and the TV subsys-
tem performs in the normal operating mode. The warmup
signal is applied to the appropriate relays as in the other
modes.

Position 3 is the final position to which the command
switch will be advanced during the mission.

It is not planned to use the switch during subsystems
tests, except to test operation of the switch itself; there-
fore, no provisions are made to operate the switch from
any other source except the RTC command contact in the
bus. All TV subsystem signals generated by the switch
will be simulated on the test panel.

Mechanical. Mechanical design developments and re-
finements of subassembly packaging have made it neces-
sary to revise the initial component arrangement. The
revised arrangement is shown in Figure 39.

The new arrangement concept complies with the
requirement to keep the hatteries as low as possible in the
structure, yet accessible for ease of installation and steri-
lization. The batteries are located within the structural
box, formed by the vertical longerons and side plates, and
are assembled from the bottom of th payload. This
method of assembly eliminates the need for cutouts in the
plates forming the structural box and access doors in
the thermal shroud. More efficient use is made of the
remaining spiace and, mounting surfaces for control of the
center of gravity, of moments, and of thermal and elec-
trical requirements.

A specific camera layout has been completed and a
structural mounting bracket for accommodation of all 6
cameras has been designed and is being fabricated. The
bracket is a single unit with provisions for alining all
cameras in the proper angular relationship to one another
without further adjustment. The bracket and camera
assembly is installed within the structure on adjustable
mounts for alinement of the entire camera array as a unit
to the desired angle, representing the terminal velocity
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SECTION B-L SECTION € -C

CAMERAS

B
I:o

P

q
EE b 4
H

SECTION A-&

[y

R

Unit weights and dimensions

Reference Unit Waight,
designation [}
Al Cameras (6 cameras and 60.0
filter whee! on single bracket)
A2 through A7 Camera electronics (6) | LXR |
A Video combiner | 1.0
A9 Sequencer , 9.0
A0 ond Al Batteries (2) | 0.4
A12 ! Regulator 3.0
A3 i Commaond switch 1 20
Aldand A19 Transmitter madulator (2) | 80
A5 and A20 Amplifier, 80 w (2) 2.2
A6 and A2V Power svpply (2) I 220
A17 and A22 Power reloy (2) l 18
Al8 and A) Signal samplers (2) 0.4
A24 4.port hybrid 15
A25 Dummy load 2.5 )
A26 Telemetry 10.0
A27 i Temperature sensor 1.5
A28 Sequencer power supply 4.6
A29 and AJ0 Telemetry processing (2) 0.5
— Structure, thermal shield 70.0
_ Electri-al harness 15.0
Total weight 347.2

Figure 39. Arrangement of components
in basic structure
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vector. The camera arrangement within the structure is
shown in Figure 40.

The revised moment values are tabulated in Table 28.
The revised computation of the center of gravity is

= IWZ 69663
B=-Riait A R T Y
23w g 0O

Zpaytoad = 477.60 — 20,05 = 457.55 in.

S YWY 397
T oSw L -0114
Y oIw s
)_’ptmlmul -0.114 in.
- XWX -14s
- T —0.042
W 3472 )
i[mulmni =~ —-0.0421n.

Total payload weight is 347.2 1b, and the center of gravity
location for the spacecraft-payload combination satisfies
the JPL requirements.

8. Ground Support Equipment

The designs for the Ranger TV subsystem ground
receiving equipment and ground checkout equipment
have been finalized. Plans for the Goldstone equipment
call for a 30-mc, caged preamplifier to be located on the
antenna. The design provides for redundant receivers
and tape recorders. Included also are 2 Kine-recorders
which can be used for direct on-line or off-line photo-
graphic recording. The Channel 8 telemetry is selected,
by means of an appropriate filter, from the wide band
telemetry. After demodulation, the telemetry data can be
presented as a printout.

Signal processing and interconnection switching have
also been finalized, providing a versatile operational
cquipment. A 2 channel test transmitter is also planned.
This test transmitter can be modulated either by signals
from the video and sync simulator or by a prerecorded
test tape.

Designs for a Ranger TV subsystem panel and a single-
channel test transmitter for the ground checkout equip-
ment have been finalized. The Ranger TV subsystem
panel will permit exercising the spacecraft equipment by
simulating command signals as well as making the correct
connection to the checkout equipment. A single channel
transmitter, which can be switched to cither of the 2 fre-
quencices, is provided for test purposes. The Goldstone
receiver is replaced with a 980-mce front end for the tests.

The checkout panel to be included in the block house
cquipment is being designed  This panel will permit a
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TYPE - P CAMERAS (4)

Figure 40. Camera array

brief exercise of the spacecraft through hard-line connec-
tions while it is emplaced on the launching pad. A receiv-
ing antenna and tower will be provided te receive the
reduced power transmissions from the spacecraft during
the countdown checks.

All primary power requirements for the GSE have been
established and equipment layouts for the various installa-
tions have been reviewed. In addition, the interface
between the RCA equipment and the ground support
equipment at Goldstone was established.

The operational ground station comprises 2 major
ground equipments: the TV data recording and display
equipment, and the ground communications cquipment,

a. Data recording and display.

Subsystem description. The Ranger TV ground support
equipment (GSE: TV data recording and display sub-
system) provides 3 primary functions:

(1) Data recording (telemetry and TV information).
(2) Data reduction {TV information).

(3) Control of checkout and exercising of the sub-
system.

CONFIDENTIAL

Data recording will provide interim as well as archival
storage of events on a multi-channel, continuous-tape,
magnetic recorder. Data reduction of information in the
form ot television signals will be recorded by a 35-mm
film camera. GSE subsystems, intended for checking and
exercising the system, will be provided by 1 kinescope
and film-camera combination capable of recording either
slow-scan or fast-scan video channels individually. Con-
trol of the subsystem will be manual and will include
control of power, operate-test mode, CRT display desig-
nation (in test mode), and film camera. Monitoring of
on-line or off-line video signals will be displayed by an
A-scope which will receive appropriate syne and video
signals. The A-scope will also be capable of displaying
waveforms from other parts of the subsystem.

Figures 41 and 42 are block diagram and equipment
layout, respectively, of the TV data recording and display
ground checkout equipment.

Tape recorder. The tape recorder is a 4-channel, wide
band, continuous lincar magnetic-tape system which will
record and play back the composite video and telemetry
signals reecived from the subsystem interface equipment.
Mincom tape recorders will be used in GSE Units 1 and
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Table 28. Center of gravity computation

Reference Weight, wX, wy, wiz, wZ’,
designation Unit to X, in. in.-b Y. in in.-1b Zin in.-lb b-in.’
Al Comeras & (cameras 60.0 0 0 0 2561.0 137,800
and filter wheel) . . B
A2
through Camera electronics 43.8 0 0 0 25.70 11207 29,000
A7
AS Video combiner 1.0 7.0 o] 22.70 227 774
A9 Sequencer 9.0 6.8 61.2 7.00 63.0 294
Al0
and Batteries "4 0 0 [} 12.3% 1090.0 14,350
A}
A2 Regulator 3.0 80 6.0 18.0 14.00 42,0 588
AN Command switch 20 10.0 - 200 14.00 280 392
Al4
and Transmitter moduiator 80 0 0 0 14.25 1140 1,625
A9
AlS
and Amplifiers, 60 w 2.2 ] V] ] 12.50 27.5 J44
A20
Alé
and Power supply 220 [} [+} 0 7.0 154.0 1,030
AN
A7
and Power reloy .8 [ ] [\] 53 9.6 L]
A22
AlS
and Signol samplers 0.4 [} 85 - 34 120 4.8 57
A2
A24 4-port hybrid I 1.5 6.5 0] 0] 14.50 0.8 6
A28 Dummy load ! 2.5 7.0 (1] ] 19.0 47.5 704
A26 Telomelry 100 0 7.3 730 LR ] 68.0 462
A27 Temperature sensor 1.5 0 9.0 128 120 18.0 20
A28 Sequencer power 46 7.0 o i o 2.6 1040 1750
supply
A29
and Telemetry processor 0.5 [} 0 0 13.0 6.5 85
A0
Structure and thermol 700 0 0 0 16.16 14540 32,000
shield
Harness, electrical 15.0 — —_ — — —_ -—
Totals 347.2 39.7 6966.3 201,90

2; Ampex tape recorders will be used in GSE Units
Jand 4.

Sync and video simulator. The sync and video simulator
contains the test-pattern control, syne generator and
video-simulator circuits. These circuits produce the fune-
tion necessary to perform a comprehensive subsystem test
to determine equipment operability. The test-pattern con-
trol panel enables selection of the various test signals
which the simulator is capable of generating. The sync
generator produces the timing waveforms required to
operate the video simulator. The video simulator develops
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composite video signals which produce test patterns
within subsystem operating ranges so that kinescope
operating parameters can be determined.

The generated video test signals are selectable by a
rotary switch on the simulator unit. These signals (Fig
43) comprise:

(1) Vertical bars (2 raster lines wide).
(2) Horizontal bars (2 raster lines wide).

() Grating pattern (horizontal and vertical bars).
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Figure 41. TV data recording and display ground checkout equipment

(4) Gray scale.
(5) Resolution bars (5 bursts of sine waves).

(6) Composite test pattern (grating, resolution bars,
and gray scale).

The sync tips carry tone signals in accordance with the
Ranger TV GSE subsystem specification, except that the
tones carried by the Camera A-B rate composite video
will be selectable by a test-pattern control-panel rotary
switch,

The sync generator unit consists of an 18-ke, crystal-
controlled, master oscillator and and gate logic circuits
that perform frequency division to the line and frame
rates, and intermediate divisions to provide for triggering
of the video generator.

The 18-ke, crystal-controlled oscillator circuit is shown
in Figure 44. This circuit provides a positive-going pulse
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varying from 8 to 0 v at an 18-kc rate. The pulse rise time
(measured between the 10 and 90% points) is less than
0.22 psce. Pulse width is not critical but is approximately
35 usee. The circuit consists of 2 tran.. tor amplifiers i1
scries, with positive feedback from the 2" to the 1%
through a quartz crystal in the sc-ies-resonant mode. A
clipped 18-ke sine wave is produced at the output of the
2n amplifier, and is then fed through an inverter to pro-
vide the required rise time. Fabrication of the improved
18-ke oscillator has started.

The video generator unit consists of and gate logic,
shift registers, 1-shot multivibrators, gated oscillators, a
register matrix, and a video-processing amplifier. The
vidco-processing  amplifier breadboard has been com-
pleted, finishing the task of breadboarding circuits.

The and gate logic and the 1-shot multivibrators gen-

crate horizontal and vertical bars and a grating pattern
determined by the line and frame syne rate. One shift
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register drives the resistor matrix to generate the gray
tone signal with a gamma factor of 0.5, Another shift
register drives the high-stability gated Colpitts oscillators
to produce multi-burst resolution bars at the line sync
rate. A gated oscillator module, controlled by a vertical-
sync-rate-gate pulse, generates the coded tone signal. The
video-processing amplifiers contain 2 resistor-diode video
and sync mixer circuits and a line driving amplifier.

CONFIDENTIAL

RECORDER

The mechanical configuration has been changed to

accommodate the gated oscillators, The origimal design

GRATING

54

<

Figure 42. TV data recording and display ground checkout equipment
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stipulated that cach gated oscillator board would contain
5 tank circuits (only 3 of which would be used) of differ-
ent center frequencies. When the board layout was being
designed, it was found that 5 tank circuits could not be
fitted on 1 board. It was necessary to provide a 2™ type
of module to provide gated oscillators in the required
quantity and frequencies. The same board and parts are
being used in both modules. The only difference is the
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Video test signals

Figure 44. Schematic of 18-kc oscillator
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resonant frequency of the tuned circuits being incorpo-
rated into the module.

Power supplies. The power distribution unit consists
of a control panel, blower, and 9 individual dc voltage
power supplies. This unit provides control of the ac
and dc voltage requirements of the TV data recording
and display subsystem. A blower, located at the bottom
of the cabinet, provides ventilation that maintains safe
operating temperatures for the power supplies. The indi-
vidual power supply voltage, current, and voltage limit
ratings are listed in Table 29.

Monitor and control unit. The monitor and control
unit contains a monitor and control panel, camera patch
panel, monitor scope (1 in the checkout configuration, 2
in the operational configuration), Channel S-F sync
chassis, Channel F sync and tone-decoder chassis, 2 sync
and tone decoder-module nests, and a communication
panel. This unit provides a central point from which the
subsystem can be operated. The monitor and control
panel contains switches, indicators, counters, and a clock.
The switches provide selection of operating commands
for a subsystem during test or operate modes. Lights in
switches and indicators provide monitoring information
of system status and operation conditions. The counters
indicate the film-recorder camera operation by counting
the frame exposures of the 35-nun camera, and the clock
displays a 24-hr GMT. The monitor or scopes (depending
upon the subsystem configuration) monitor the video sig-
nals being applied to the kinescope display circuits.

Table 29. Power supply voltage and current ratings

Neminal voltage, v Current, amp Voltage limits, v
- 4.5 5.0 4410 - 4.6
120 50 11.7510 ~ 12.25
16.5 10.0 16.110 - 16.9
26.0 20.0 25510 ~26.5
150.0 0.8 - 14710 153
300.0 1.5 -294 10 - 306
120 5.0 11,7510 12.25
150.0 0.8 147 10 153
300.0 3.0 294 10 306

The Channel S=F sync chassis and the Channel F sync-
tone decoder chassis separate and develop signals to pro-
duce the picture presentation and select the proper color
filter indicator lamp at the film recorder. The sync and
tone-decoder Nests 1 and 2 contain the modules which
provide the syne and tone-decoder logic required by the
film recorder.

Tones are separated from the composite video signals
by 2 identical tone strippers. The tone strippers are
shown in Figure 45. Each stripper consists of 3 decoders
that are identical except for the frequency of the input
filter. The filter possessing frequencey characteristics sim-
ilar to the tone frequency will pass the tone to the tone
decoder. The tone is amplified by Q1, Q2, Q3, and Q4. The
amplified tone is detected, integrated, and applied to the

DlAs'I:'Lalt":EIgN = FiLTER
L
2320022 ut
Eo
o
Figure 45. Tone decoder
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Schmitt trigger, consisting of Q5 and Q8. The Schmitt
trigger output is amplified and clamped to - 4.5 v. Tone
decoder outputs are used to indicate absence of tone and
to indicate the color of the filter used in the TV camera.

Input to the tone stripper is from the video-distribution
amplifier, shown in Figure 46. The video-distribution
amplifier is an impedance-matching device, accepting
video signals from a 9l-ohm impedance and driving
91-ohm lines. The input signals are nominal l.v peak-to-
peak positive-going wave forms from a - 1-v reference
level. The module comprises 4 identical but separate cir-
cuits, each having unity gain. Terminal connections are
such that maximum usage flexibility is provided.

Film recorder unit. The film recorder consists of a
35-mm camera, Polaroid-Land camera, high voltage
power supply, camera control, kinescope, kinescope-
control circuits, and deflection amplifier. Figure 47 is
a block diagram of the film-recorder unit. The primary
purpose of this unit is to provide a film record of the
kinescope display. The kinescope display is transmitted
from TV cameras on the payload, and a 35-mm camera
photographs the picture produced on the face of the
kinescope. Adjacent to the TV picture on cach 35-mm
frame is a picture of a data box, consisting of a 24-hr
clock, frame counter, tone-code notation, and a write-in
block for other pertinent information. The Polaroid
camera provides a means of monitoring the display
operation of the film-recorder unit by rapidly furnish-

FULLDOWN AND SHUTTER DRIVE

DATA_QOARD $16NALS
FRAME COUNTER T 1

12 v
Q2
Qi
INPUT m OUTPUT
100
68.
909 69
12 v

Figure 46. Video distribution amplifier

ing a print of the kinescope display. Also provided
with the Polaroid picture is a data-block display with
information nearly identical to that photographed by
the 35-mm camera. The kinescope electronics, deflection
amplifier, high voltage power supply, and camera-control
subassemblies provide the necessary functions for the
kinescope to produce a quality picture and control the
action of the 35-mm camera.

The 35-mm camera lens was selected on the basis of
extensive tests performed by RCA Applied Rescarch in
Camden. Five lenses were tested (Taylor-Taylor and
Hobson, Bausch and Lomb, E. Leitz, Canon, and Nikkor).
On the basis of tests performed, the Canon 100-mm
/3.5 lens was sclected. The sine-wave response of this
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Figure 47. Film recorder unit
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lens (800 TV lines per picture height) at f/4.5 was 84%;
at /8, it was 90%. Calculations to establish the required
exposure indicate that the lens opening will be between

/4.5 and f/8.

Eastman Kodak film 5374 was tentatively selected.
Resolution figures were obtained from Eastman. On the
basis of sine-wave response testing of 5302 film and
the comparison obtained from Eastman between 5302
and 5374 (5374 has approximately 15% better resolution
than 5302), the aperture response of 5374 film with an
800 TV-line raster has been calculated to be between
75 and 80%.

A process has been established and tested for develop-
ing the 5374 film which will result in a transparency hav-
ing & gamma factor of 1.

b. Ground communications. The purpose of the com-
munication portion of GSE being supplied to the DSIF
Coldstone facility is to reduce the composite 960-me
signal into 2 separate video signals and a print-out of
the telemetry information. In order to accomplish this
with maximum reliability, a completely redundant systen
is used (Fig 48).

960-mc information is received and translated into a
30-me IF signal. To assure a flat 2-mc bandwidth, a
separate 30-me IF preamplifier is mounted on the antenna.
This composite signal is coupled to the RCA equipment
located in the operations building. At this point. the 2
channels are separated: 1 is processed by a 4.5-me IF, the
other by a 5.5-mc IF. After limiting, the signal is detected
and the telemetry information  separated  for further
processing. The video signal then goes through a low pass
filter to suppress the telemetry channel, followed by a de-
cmphasis network to restore the flat video spectrum. This
signal is then fed to the kinescope recorders for real
time display.

Tape recorders are used for predetection storage of
received signals. For this purpose, the 5-me IF is trans-
lated to a 500-ke carrier, recorded on 2 channels of a tape
recorder. For playback, the outputs of the 2 channels
are combined and fed to a 500-kc demodulator. This
composite signal is then coupled (in place of the 5-mc
demodulator output) through filter networks to the kine-
scope and telemetry reduction system,

The telemetry-reduction system has an analog-to-digital
converter with print out. Analog information may be
reccived in 3 ways:

(1) Cruise telemetry: Channel 8 over the bus trans-
mitter. An IRIG demodulator is used to reduce
the Channel 8 FM signal to an analog voltage.

(2) Terminal telemetry. A 225-ke subcarrier on the TV
transmitter is demodulated to obtain the analog
telemetry signal,

(3

mergency telemetry, The 5-me signal is fed to
a narrow-band phase-locked loop. The output of
the phase-locked loop is coupled to the Adeon unit.

The Adcon unit provides a synchronizing signal to the
print-out. The telemetry information is printed out using
a 2-digit format (from 00 to 99),

To test the ground system, a TV simulator will be
incorporated. To check the communication portion of the
ground station, the signals from the simulator are pre-
emphasized and fed to the test transmitter located in the
collimation tower. At the collimation tower, the flight
transmitters are simulated at a 1-mw level, combined with
the bus signal, and radiated to the Goldstone dish. Power
levels of the test transmitters are calibrated so that the
DSIF equipment may be checked at a threshold signal
level.

Vendor sources for the low noise preamplifier for the
CGoldstone installation are being investigated,
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Il. Surveyor

The objective of the Surveyor project is to soft-land a
series of spacecraft on the Moon. The Hughes Aircraft
Company, under contract coverage from the Jet Propul-
sion Laboratory, has the responsibility for the design and
development of the spacecraft, ground support and data
handling equipment, primary documentation, and mission
operations.

A Surveyor spacecraft design for the first two missions
has been released and placed under formal change con-
trol. A number of improvements have been incorporated
in the general spacecraft arrangement, as well as in sub-
system design. Improvements in the flight control system
include converting from an open-loop vernier thrust com-
mand channel to a closed-loop acceleration command
servo; in addition, the bang-bang solenoid actuator in the
thrust-phase roll control system has been replaced by a
proportional positioning servo.

Calculations of vernier propellant consumption have
been refined; one significant result was a reduction of
main retro-engine propellant weight. The descent tra-
jectory conditions under which blind zones for doppler
radar operation can occur have been studied, and it
appears desirable to modify the radar logic circuitry to
minimize blind zone effects. A more refined analysis of
touchdown dynamics, based on latest weight and center-
of-gravity locations and on actual (rather than rigid-body)
loads, has been completed. Lateral vibration testing of a
spaceframe with simulated components was completed
and design improvements incorporated as a result. A pro-
totype thermally controlled compartment is being tested
in a high-vacium chamber to evaluate effectiveness of
the multiple-layer radiation insulation,
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Coupling coefficients have been measured on slot pat-
terns for the planar array antenna to determine slot
spacing for desired phase corrections. A complete func-
tioning breadboard of the altitude marking radar is being
tested in a roof-house installation. Some components for
the radar altimeter and doppler velocity sensor have
completed breadboard tests.

Testing of flight-type components for the vernier
propulsion system has started. Vernier thrust chamber
performance has been helow specification limits, but
maodifications now being tested show considerable im-
provement. Two spaceframes have been delivered to
Thiokol for use in tests of the vernier system. Grain
cracking took place in the second main retro-rocket
engine fired; stress relief boots were added in the third
engine fired and cracking did not occur.

Developmental extension booms and test fixtures have
been fabricated for cold gas actuation tests, and wiring
harnesses of various types for the booms are being tested.
A design improvement in the solar panel/antenna posi-
tioner will give a substantial weight reduction. Generally
satisfactory results were obtained in tests of the subsur-
face sampler in a high-vacuum chamber.

The Atlantic Missile Range spacecraft test procedure
has been revised in accordance with the decision to per-
form terminal  sterilization of the spacecraft before
mounting it on the Centaur. Fabrication of components
for the command and data handling console has started.
A specification for the Surceyor spacecraft simulator has
been prepared.
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A. System Design Summary

1. System Description

The spacecraft configuration, incorporatirg all scientific
instruments designated for the first two missions, P-42 and
P-43, has been released and is under formal change con-
trol. The general arrangement for the stowed, mid-course,
and post-landing conditions is shown in Figure 1. Addi-
tional views of the post-landed configuration are shown
in Section ]. The significant configuration changes since
last reporting are also described in Section J.

Two important design changes have been made in the
flight control system during the reporting period. First,
the thrust control system has been converted from an
open-loop thrust command channel to a closed-loop accel-
eration command servo. This has been accomplished by
extending the use of the accelerometer in the mid-course
velocity control system to the terminal phase. The second
important modification involves a change in the thrust
phase roll control system. The bang-bang solenoid actu-
ator originally planned for use in a limit cycle control
system has been replaced by a proportional positioning
servo employing a conventional 400-cps servo motor.

2. Weight Summery

Current weight status is summarized in Table 1 and
broken down in detail in Table 2. The weight reporting
format has been expanded to include columns for maxi-
mum allowable weight, current design weight, and pre-
dicted flight weight. The previously reported “current
weight” column was intended to show current predictions
of flight weight, and has been renamed “predicted flight
weight” The newly added column, “current design
weight,” shows weights associated with current hardware
designs; these weights are obtained by estimate, by cal-
culation from drawings. or by actual weight measure-
ment, depending upon the state of development of the
hardware involved. Predicted flight weights are shown
to be less than current design weights only when means
for weight reduction are known and are in process of
incorporation; these weight reductions will result in Jower
current design weights in future reports. Additional
means for weight reduction that are under study, but are
not presently being incorporated, arc not included in
predicted flight weights.

The total scparated flight weight reported in SPS 37-12
was 2527.5 pounds (based on 345 pounds of scientific
payload weight), compared the present pre-
dicted flight weight of 2537.8 pounds. The greatest in-
crease has been in the spacecraft vehicle subsystem, for
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Table 1. Spacecraft weight summary

ehowebis | dogn | g
. deosign flight
tom weight, weight, welght,
» » [
Total separated weight 2500.0 25747 2837.6
Basic bus 533.0 618.1 5968
Usable propeliant 1602.0 1605.0 1590.0
Scientific poyload 345.0 NG 350.8

which the weight reported was 1618 pounds,
compared with a present current design weight of 182.1
pounds. This increase results from computer stress analy-
ses and test data from spaceframe S-1 that indicate a
need for stronger attachment fittings, additional truss
bracing, and increased wall thickness in certain of the
tubular members of the structure. At the same time,
there have been reductions in the antenna/solar panel
positioner and main retro-engine weights. A 15-pound
saving in the retro-engine has been achieved by further
trajectory optimization studies.

3. Electrical Energy

An electrical energy summary is shown in Table 3. This
summary assumes launch on the eighth day of the launch
window in August 1963; for this launch condition, solar
energy will be available to the spacecraft for 163 hours
from touchdown until crossing of the first day/night
terminator. The current estimated energy requirements
are based upon the payload specified for Missions P-42
and P-43.

The total available daytime energy, 7628 watt-hours,
represents a significant increase over the available 5180
watt-hours reported in September 1981. This increase
results primarily from a redesign of the battery charging
circuitry to make more of the total incident energy avail-
able to the electrical power system. In addition, more
energy is predicted available a< a result of re-estimating
the post-landing remainder of the first Junar day to be
163 hours instead of the 150 hours assumed previously.
Portions of the increase in available energy have been
made available to the basic bus, the scientific payload,
and the reserve. Nighttime energy is supplied by bat-
terics that are charged to their full capacity of 5300
watt-hours prior to passing of the day/night terminator.

4. Command and Data Channels

Command and data channels now being provided in
the spacecraft are summarized in Table 4. In the table,
the channels are divided between those required for the
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Figure 1. Spacecraft general arrangement
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basic bus and those required for the scientific payload.
Command and data channels listed for the scientific pay-
load include those required by the Hughes-supplied
instrument auxiliaries, both mechanisms and electronics,

in addition to the specific instrument requirements. The
figures indicated in this summary are based upon the
scientific payload specified for the first two missions, P-42
and P-43.

Table 2. Weight breakdown

Maximum | Current Prodicted ximum Curront | Predicted
alloweble design flight llowable design flight
ltom weight, | weight, | weight, ltom weight, weight, | weight,
» » » [} » ]
1.0  BASIC BUS (total) 553.0 618.1 596.8 2.0 USABLE PROPELLANT (total) | 1,602.0 1,605.0 1,590.0
1.1 Flight control 4.4 46.4 2.1 Retro-rocket propeliant 14444 | 1,4294
Sensor group 2.2 Vernier propetiont 160.0 160.0
Secondary sun sensor 23 " . 0
Attitude control system . Pyrogen propellant (igniter) .8 0.6
1.2 Electronics 93.9 91.9 3.0 SCIENTIFIC PAYLOAD 345.0 3516 350.8
Dato Link (ontennas (Missions P-42,iP-43) (totel;
RF switches, transmitter 3.1 TV comeras Nos. 1, 44.0 448
and diplexer, command 2 ond 3, ond mirrors
iver and tr der)
v 3.2 TVdecod d 1. 1.
Centrol command decoder of and processor 3 3
Central signal processor 33 :zh;;::l'u::lon telescope 14.9 14.9
Altitude marking rodar
Doppler velocity senser 34 Subsurface sampler 433 428
and altimeter 3.5 Surfoce sampler 100 100
Power control system 3.6  Spocecraft anchoring device 10.9 0.9
v c.mu No. 4 3.7 Somple procemor 13.5 138
Engineering date
processing 3.8 X-ray spectrometer 28.9 289
Mechanisms auxiliaries 3.9 X-roy diffractometer ny N
3 ::l‘"k.ln':l.'" 33 383 3.10 Gos chromatogroph 3.8 13.5
lar pa
Batteries n Sud?« geophysical subsystem s 384
1.4 Maechanisms 3.4 27.8 Density backgreund counter
Positioner, planar Surface density instrument
antenna/selor panel and acoustic sentor
Antenna mechanisms, Surfoce thermal diffusivity
omnidirectional instrument
Safety and arming Surface mognetic
provisions susceptbility instrument
Separation sensing device Acoustic sensor
1.5 Spacecroft vehicle 1809 1021 Acoustic source
Spacecraft structure Soil mechanics instruments
Landing gear installation Resistivity inst ot
Equipment attaching hardware esistivity instruments
Bmui N A, Rodiation pyrometer
s ."r‘ c " Penetrometers
Electrical wiring Subsurfoce geophysical
Pneumatic lines, auxiliaries
attitude control 3.12 Subsurface logging sonde 4.5 4.5
Reloase mechanism, 3.13  Acoustic velocity auriliaries 30 30
refro-rocket engine
Engineering meosurements 3.14 Tape recorder 10.6 10.6
»ensors i 3.15 lonizati b, b, LI' 56 54
16 Spacecraft propulsion n90 208.1 3.16 Scientific instrument 29 29
(not including usable mechanisms auxiliaries
propellant) TP
Rocket engine, main retro 307 Scu‘n.nﬁ’: instrument thermal 53 53
. . auxiliaries
Vernivr propulsion system g .
Unusable vernier propellont 3.18 Scientific poylood batteries 620 620
Helium 3.19 Electrical wiring 17.0 17.0
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Table 3. Electrical system energy summary

Daytime, 163 hovrs Nighttime, 350 hours
Ener Current Current
hd Allowable | o\ ored |Allowable | o oted
watthours| iy hours (WOTHROUTS | oy hours
Total available energy 7628 7628 5300 5300
Scientific payload 5385 5320 4128 4129
operation
Basic bus operation 745 734 827 88s
Energy reserve 1528 1574 343 286

Table 4. Spacecraft command and data channels

ftem Commands Cl::':oh
Basic bus
Data link and TV camera No. 4 29 20
Signal processing 29 -
Mechani propulsion, ond vehicl Fil 47
Electrical power and rodar 4 15
Flight control 25 64
18 146
Scientific paylood

Tape recorder 10 -
Surfoce geophysical 29 9
Subsurface gecphysical 12 7
Geophysicol thermal 5 9
Acoustic velocity 4 9
Subsurface sampler ond processing 2 17
Surface sampler 9 4
Gaos chromatogroph 12 9
X-ray diffroctometer n 5
X-ray spectrometer 13 5
Radiation detector 7 5
Television system 32 12
163 1]

TOTAL 283 237

B. Scientific Instrument Payload

In addition to accomplishing the functional integration
of the scientific instruments into the spacecraft, Hughes
Aircraft Company has provided technical assistance to
JPL in the development of the prototype instruments.
As a part of that assistance a number of instrument
changes have been evolved. The major changes are ve-
viewed below:

1. Gas Chromatograph

The development of the prototype gas chromatograph
is being carried out by a new vendor, Beckman Instru-
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ments, Inc. Beckman Instruments did not carry out the
original breadboard development, and in the prototype
development some changes in design approach which
affect the instrument/spacecraft integration have there-
fore been made.

The breadboard design of the column detectors used a
tritium foil radiation source, which ionized the gases
passing through the columns, so that gases other than the
carrier gas (helium) could be detected. The Beckman
design uses a Karmen detector, which is a voltage regu-
lating, device, for performing this function. The Karmen
detector employs a corona discharge effect for detecting
unknown gases passing through the columns. As an un-
known gas passes through the detector, the voltage regu-
lating characteristics of the detector change. Thus the
presence of a gas other than the carrier gas may be
detected by changes in the detector anode-cathode volt-
age. The cffect of this change in type of column detector
is to require that the spacecraft provide different forms
of power for the chromatograph.

A change has also been made in the number of data
channels reguired. Originally the variation in column
temperature was monitored to a tolerance of £0.5° C. It
is now felt that « 025 C is required. To attain this
accuracy would require an additional amplifier, result-
ing in a significant weight increase. To avoid using these
additional electronics, the following indirect method of
measuring this parameter is being pursued. Since it is
the variation in column temperature rather than its abso-
lute value that is important, the absolute temperature
will be measured to the larger tolerance of 217 C. The
temperature variation during a run will be determined by
monitoring the voltage of the column temperature con-
troller and also the battery voltage. These two additional
measurements will provide the measurement accuracy
required. A study is being made to determine the effect
on the spacecraft of the change in the form of power
required and the additional data channels required.

2. X-Ray Diffractometer

In SPS 37-12 a proposed reduction in the diffractom-
cter data transmission bandwidth was discussed. All of
the technical problems associated with this change have
been resolved, and a change in the diffractometer inter-
face description is being prepared. This change allows
the diffractometer data to be transmitted on the low-
power transmitter, rather than the high-power transmit-
ter, with a resultant saving in power. The data bandwidth
docs reguire the entire capability of the low-power
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transmitter, however, and no other experiments can be
operated during transmission of diffractometer data.

The scan range of the goniometer has been increased
from 50 to 83 deg in order to detect additional minerals.
This increase will increase the time required to scan
the range. As part of this change, Hughes Aircraft Com-
pany is conducting a study, at JPL’s request, of the
feasibility of allowing real time decisions during the scan.

The high-voltage power supplies for both the diffrac-
tometer and spectrometer have been moved from the
thermally controlled compartment and packaged as part
of the soil analysis instrument group. This change has
been made (1) to reduce the length of the 25-kv
high-voltage cable from the power supplies to the meas-
uring heads, and (2) to climinate a possible thermal
dissipation problem within the compartment where the
high-voltage power supplies were previously mounted.
This change of location places a new requirement on the
power supply designs. Since they are not now thermally
protected by the compartment, they must be designed to
survive the very low temperatures of the lunar night.
This requirement is being included in the present design.

3. Physical Parameters Package

Three of the four temperature measuring devices in
the physical parameters package are now interferometer
spectrometer radiometers, rather than total radiation
pyrometers as previously used. The fourth device is a
thermopile. The change to the interferometer was made
because it had become apparent that the development of
the total radiation pyrometer could not be accomplished
in the time span of this program. The sclection of the
interferometer spectrometer allows the use of a slightly
modified off-the-shelf item although it does impose more
difficult interface problems on the spacecraft. It requires
increused power and additional volume in the tempera-
ture-controlled compartment and may present a problem
in the accuracy of transmission. These problems are now
being investigated at Hughes Aircraft Company.

C. System Analysis

1. Guidance and Trajectory

a. Vernier propellant consumption. A carcful recaleu-
lation of the vernier propellant consumption has been
made. Except for the mid-course correction, where the
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full 28-pound allotment is regarded as a nominal condi-
tion, the dispersions during the terminal descent phase
are statistically combined to obtain a more realistic pic-
ture of the maximum propellant requirement. Table 5
summarizes the results of this calculation. The initial
conditions for the vernier phase are those for which the
sum of the maximum terminal descent propellant require-
ment (nominal 3¢ dispersion), plus the maximum mid-
course requirement, just equals 181 pounds; this amount,
except for ullage, represents the present tank capacity.
The nominal conditions are 375 ft/sec in velocity and
31,000 feet in altitude.

The importance of this type of propellant analysis is
that it determines the upper limit of the starting velocity
and altitude conditions within the capability of the sys-
tem. The lower limit is determined by sensor constraints
discussed in detail later in this section. The difference
between the two velocity limits represents the unbraked
impact speed window capability, which has a direct ef-
fect on the hourly and daily launch window as was
discussed in detail in SPS 37-12.

Table 5. Vernier propellant consumption

Neminel 3¢
Operations| phase um:p'hu, dhp:du.
Mid-course correction (full ollowence) 26 —_
Main retro phose
Pre-main retro ignition 0.4 Negligible
Control during thrusting 30.0 33
Thrust toil-off and separation 7.2 0.9
Vernier phase
Guided descent (minimum
and maximum thrust) 820 9.0
Al for segmental
opproximation of d parabola 3.0 —
Touchdown 2.3 2.6
Total 150.9 10.1

b. Main retro propellant. Several changes in the
ground rules for calculating requirements for main retro
and vernier propellant have been made. The design
spacecraft weight at start of servoed vernier descent is
now lghter, corresponding to full consumption at mid-
course of the 26-pound mid-course correction allowance,
in place of only 17 pounds consumed. In addition, the
propellant consumed during the most severe dispersions
encountered during the powered descent were previously
added algebraically to the nominal propellant required.
In the present caleulations, the propellant consumed be-
cause of these worst dispersions is added to nominal
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propellant in a statistical (rms) manner. Under these
conditions, a servoed descent from a nominal velocity of
875 ft/sec after main retro case separation brings the
total vernier propellant required to the existing useful
tank capacity of 161 pounds. Included in this 161 pounds
is 7.2 pounds for an 8-second main case separation period,
during which the vernier thrust is at maximum in order
to optimize separation dynamics. During this separation
period, the vehicle is slowed 35 ft/sec. The nominal speed
at main retro burnout is thus 410 ft/sec. For this weight
vehicle, and with unbraked impact speed of 8810 ft/sec,
or 2686 meters/sec (a slight change from the value used
formerly), a burnout speed of 410 ft/sec requires 1428
pounds of main retro propellant when the vernier engine
is acting at its mid-thrust level of 200 pounds. This new
figure for main retro propellant weight is 17 pounds
below the former weight (1445 pounds).

With 1428 pounds of main retro propellant, if no ver-
nier propellant is used during mid-course, the resulting
nominal speeds for this heavier vehicle are 550 ft/sec at
main retro burnout and 515 ft/sec after main case sepa-
ration. At this higher speed at start of servoed vernier
descent, the additional 28 pounds of unused mid-course
vernier propellant is more than adequate for the ensuing
successful descent to a soft landing.

2. Limitations on Spacecraft Attitude Control
Imposed by Doppler Radars

a. General. The current spacecraft descent trajectory
design is based on the assumption that the doppler velo-
city and altitude radars cannot be reliably used while the
main retro-engine is burning. Thus the spacecraft attitude
will be held fixed inertially throughout the main retro
burning phase and, due to main retro thrust misalign-
ments, large lateral velocity components may build up
during this time. If the longitudinal velocity at main
retro burnout is small, large angles between the space-
craft roll axis and the velocity vector may result. Imme-
diately after burnout, the doppler velocity radar will then
control the spacecraft attitude and cause the roll axis to
align itself with the velocity vector (by servoing the
lateral velocity components to zero). Thus at acquisition,
larre angles between the spacecraft roll axis and the
velocity vector can result in a near-zero component of
velocity along any one (or even two) of the radar beams
(Fig 2). Under this condition, the bheam will not
operate properly for reasons described later in this sec-
tion. Thus there is a velocity-angle region about the
spacecraft (hereafter referred to as the “blind” zone) in
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which radar performance is compromised. The cxtent of
this zone is indicated in Figure 3.

Since it is desirable to keep operation out of this blind
zone whenever possible, the burnout velocities should be
as large as possible. On the other hand, vernier fuel
considerations tend to require the burnout velocity to
be low. The present spacecraft design does not provide a
sufficient spread between the limits imposed by these two
requirements to provide the necessary launch window.

Several possible solutions are under study. The most
attractive of these is to allow low burnout velocities and
provide logic circuitry in the radar which will minimize
the effects of this restriction. This can be done by switch-
ing in a zero velocity signal for that beam which is near
zero and thus inoperative, and computing the velocity
components on that basis.

b. Radar limitations. Due to the current mechanization
of the doppler velocity and altitude (ranging) radars,
there are several restrictions imposed on the spacecraft
attitude and velocity vector, These are described briefly
below.

Attitude relative to lunar vertical. As shown in Figure
2, the doppler velocity antenna beams are tilted 25 de-

BEAM 1

ANTENNA 2

Figure 2. Spacecraft radar beam geometry
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grees relative to the spacecraft roll axis. Thus to assure
that all three beams hit the lunar surface, the spacecraft
attitude angle relative to the local lunar vertical can at
no time exceed 57 degrees( 82 degrees between the beam
and local vertical ) at an altitude of 50,000 feet (assuming
a smooth, round Moon). Further, to provide the required
signal-to-noise ratio (under the assumption of a Lambert
scattering law for the lunar surface at the radar frequen-
cies), this attitude angle shall be limited to 45 degrees.

Negative longitudinal velocity limitation. The current
doppler extraction circuitry in the radars does not include
equipment necessary for operation when the component
of velocity along the spacecraft roll axis is negative (that
is, in an upward or rising direction). Thus the angle
between the spacecraft roll axis and the velocity vector
has an absolute maximum of 90 degrees. It should be
noted here that the radar design has been maintained
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66

such that the addition of this negative V, capability is a
relatively easy matter in case it is desired in future sys-
tems,

Angle between spacecraft roll axis and velocity vector.
The component of velocity along any of the radar beams
(V4) is given by

Vi="Vicosy

where V, is the total velocity magnitude and y is the
angle between the velocity vector and the radar beam,
Two considerations restrict operation when this ¢ »mpo-
nent of velocity, V,, approaches zero: the signal-to-noise
ratio decreases due to an increasing noise density from
the crystal mixers at the low frequencies; and the track-
ing bandpass filter cannot be swept close to zero doppler
during the acquisition phase without having a high prob-
ability of locking on to the leakage signal. These two re-
strictions, defining a blind zone for acquisition, are shown
in Figure 3 for the case where the velocity vector, the
spacecraft roll axis, and one of the doppler velocity beams
all lie in the same plane. That is, if the spacecraft falls
in that region at main retro burnout, one of the radar
trackers will not be able to acquire the reflected signal
and thus a measurement of velocity cannot be made. The
position and extent of this blind zone may be observed in
another way in Figure 4. Here the blind zone is shown

deg
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Figure 4. Blind zone as function of c and
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as a function of ¢ (the angle between the velocity vector
and the roll axis) and » (the angle between the projection
of the velocity vector into the spacecraft X — Y plane
and the spacecraft X axis). Two widths of the blind zone
are shown; one for a =-10-degree width and the other
for a = 15-degree width. The solid line indicates those
angles for which the component of velocity along each
of the beams (1, 2, and 3) is exactly zero. From this fig-
ure, it may be seen that if the angle between the space-
craft roll axis and the velocity vector is allowed to exceed
65 degrees, there are large regions in which at least one
of the three radar beams sees zero or near-zero velocity,
several regions (marked A, B, C, and D) in which two
of the beams simultaneously have near-zero velocities
and, if the blind zone is large enough (greater than 12.5
degrees), one region in which the blind zone of all three
beams will coincide. A rough analysis has shown that
the probability of the velocity vector falling into the
blind zone is approximately 0.12 for a +10 degree blind
zone, subject to the following assumptions:

(1) » is uniformly distributed between 0 and 360
degrees.

(2) ¢ is Rayleigh distributed with ¢ =30 degrees
(applies to the 45 degree landing approach case).

( This is grossly oversimplified and is included here only
to indicate that if ¢ is allowed to reach 90 degrees the
problem of blind zones is a real one.)

c. Vehicle design limitations. As a result of a previous
decision not to use the doppler radar outputs to control
the vehicle attitude until after the main retro-engine has
burned out, large angles between thie spacecraft roll axis
and the velocity vector at burnout may exist. This is due
to misalignments between the initial velocity vector and
the thrust axis during burning, discussed in detail in
Reference 2. During the entire retro-engine burning
phase, the vehicle attitude control is in an inertial mode.
Thus any initial misalignment between the thrust axis
and the velocity vector will persist throughout the burn-
ing and will build up a lateral velocity component at
the same time that the longitudinal velocity is being
decreased. For the design tolerances involved, this lat-
eral velocity component may be as much as 150 ft/sec
(3¢). Thus trajectories with longitudinal burnout velo-
cities of this magnitude will result in large angles between
the roll axis and the velocity vector at burnout.

The main retro-engine burnout conditions are influ-
enced (among other factors) by the lunar approach
velocity, the total impulse supplied by the main retro,
the amount of vernier engine propellant allotted for the
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post-retro descent, the landing approach angle, and the
ignition altitude, as well as the angular considerations
described above. In order to provide the required Gold-
stone visibility at landing for all conditions of lunar dec-
lination, Earth-Moon distance, and permissible launch
azimuths, variations in the time of flight and thus in
lunar approach velocity must be provided. This was
discussed in detail in SPS 37-12. To accommodate
these variations in approach velocity while maintaining
a fixed total impulse retro-engine requires a variation in
retro-engine burnout velocity of at least 218 ft/sec, and
preferably 238 ft/sec, assuming the full 90 to 114 degree
launch azimuth capability. (If this launch azimuth capa-
bility is not available, even greater velocity variations are
required.) Other considerations (primarily the vernier
engine propellant limitations) limit the maximum allow-
able nominal burnout velocity to approximately 375
ft/sec. Thus a minimum nominal burnout velocity of
about 375 — 218 = 157 ft/sec (137 ft/sec desired ) would
be required to provide the desired launch windows. This,
in conjunction with the dispersions on the burnout veloc-
ity (x125 ft/sec —3¢), would result in a minimum
burnout velocity of nearly 32 ft/sec, which is much too
low,
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This problem may be considered in another way.
Shown in Figure 5 are the doppler velocity acquisition
limits replotted from Figure 3. Also shown in Figure 5 is
the burnout dispersion ellipse (30) for the minimum
allowed nominal burnout velocity for a vertical approach
(197 ft/sec) that will provide no burnout conditions that
fall in the radar blind region and no angle greater than
45 degrees with the vertical. This condition would pro-
vide a variation in approach speed of only 375 — 197
= 178 ft/sec, which is considerably under the 218 ft/sec
velocity increment required.

The situation is somewhat more complicated for obli-
que landing conditions, and the burnout conditions for
the maximum landing approach angle case (45 degrees)
is being worked on currently. It has already become
evident that for a 45-degree landing condition, angles
between the roll axis and the velocity vector greater than
65 degrees will be required to meet the desired launch
window conditions. In fact, it is highly desirable to oper-
ate with this angle up to its absolute maximum of 90
degrees. Thus burnout conditions extending into the
blind zones are required.

d. Possible solutions. Several solutions to the doppler
radar limitation problem are possible and are considered
briefly in the following paragraphs. The currently most
attractive solution (Item 2 below) is then discussed in
more detail.

(1) Further tests of radio propagation in the highly
ionized gases of a rocket exhaust may show that
performance of the doppler radar will not be seri-
ously degraded by the main retro-rocket exhaust.
In .his case, doppler radar operation could com-
mence before the velocity errors grow large, and
the problem would be climinated. This is the
hoped-for solution for subsequent flights, but it
cannot be counted on for the first flights.

(2) The radars can be modified to eliminate the %' '
zone restriction. This could be accomplished by
providing logic circuitry in the radars such that,
should one or more of the beams have a reliable.
operation signal® present and burnout has oc-
curred, a zero doppler signal is switched in place
of the normal output of the beam (or beams) that
does not have a reliable-operation signal. The V,
and V, outputs are then computed on this basis
and used to control the vehicle attitude. Study has
shown that cven though these measured velocity

*This is a signal that currently exists in cach radar beam cirenitry
and indicates that there is a signal in that velocity tracker band-
width.
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terms will be in error, the amount of the error is
not so large as to prohibit proper alignment of the
spacecraft attitude if the width of the blind zone
is approximately +10 degrees or less.

(8) Raise the minimum main retro burnout velocity
high enough so that operation in the blind zone
is never required. This can, conceptually at least,
be done in several ways:

(a) Eliminate from the permissible launch win-
dow those days in which the lowest lunar approach
velocities are required.

(b) Permit landings at times when visibility from
Goldstone is not available.

(¢) Increase maximum allowed burnout velocity
(and thus the minimum, as well, for a constant
approach velocity increment) by increasing either
the amount of vernier fuel or the maximum thrust
level of the vernier engines. Both of these ap-
proaches are very costly and time-consuming at
this stage in the development. Also the maximum
operating altitude for the radars would have to be
increased.

(d) Decrease the total velocity increment added
during the main retro burning phase for those
cases in which the lunar approach velocity is low.
This could be done by off-loading main retro
propellant, by reducing the vernier thrust level
during the main retro burning, or by adding bal-
last to the spacecraft.

(e) Some combination of the above.

Of these solutions (1) is most desirable but cannot
be counted on at the present time; (2) appears to be
feasible and is described further in the following section;
(3a) and (3b) are most undesirable from an operations
point of view; (3c¢) requires an increase in weight and
an appreciable schedule delay; and (3d) also appears
feasible especially in conjunction with (2).

e. Study of attitude control in the presence of large
velocity errors. To investigate the effect on spacecraft
attitude correction of selecting zero for the component of
velocity along any radar beam, consider the following
expressions for the velocity components in spacecraft
coordinates (V,, V,, V.) in terms of the components of
velocity along each radar beam (V,, V,, V,)

. V, bt V'
Ve= 2B,
_ V.=V,
Vs =35,
V,— _—V'.?—;"V"
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where B,, B,, and B, are the direction cosines of the
beams. Setting one or more of the components V,, V,,
and V, equal to zero for those velocity directions y (refer
to Figure 2), where the velocity would be in the blind
zone of the corresponding radar beam, and solving the
above expressions for V., V,, and V, gives the compo-
nents of velocity in spacecraft coordinates measured by
the radar when the velocity is in the blind zone of the
corresponding radar beam or beams. The V, and V,
signals go to the flight control system causing the space-
craft to pitch and yaw in such a direction as to bring
them to zero, thus aligning the Z axis of the spacecraft
paralle! to the velocity vector. Because V and/or V, are
not correct under these conditions, the flight control sys-
tem will initially change the attitude of the spacecraft in
the wrong direction. This angular error « in the direction
of the attitude correction is

= hm"—:j—'-r/

where 5 is the tiue maneuver direction.
The angular error « has been plotted as a function of «
the angle from the spacecraft roll axis to the velocity

vector as shown in Figure 2 with 5 as a parameter in Fig-
ures 8, 7, and 8. The curves in Figure 8 were computed
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assuming that V, = 0 for all «. Similarly, the curves in
Figures 7 and 8 were computed assuming V, and V,,
respectively, equal to zero. Since the radar blind zone
is not as large as the range of « on the abscissa of the
graphs, the angular error « will not actually reach the
maximum values represented here. To find the actual
angular error, consider only that portion of the curve,
centered about the point where a equals zero, where
values of ¢ on either side of that point are equal to the
width of the radar blind zone. For values of ¢ outside
these bounds, the angular error is actually zero unless
the velocity is iu the blind zone of another beam, The
curves in Figure 4 indicate most conveniently which
beams are in a near zero velocity condition for all y and
for ¢« from 0 to 90 degrees. For some values of 5 and ¢, it is
possible for the velocity to be in a blind zone of two
beams simultaneously as indicated in Figure 4. For these
cases, the angular error o is computed in the same man-
ner as before, and these results are included in the
boundary curves shown in Figure 9. It can also be seen
from Figure 4 that, for a =+ 15 degree blind zone, the
velocity is in the blind zone of all three beams at y = 315
degrees and « — 78 degrees. Thus V,, V,, and V, would
all be equal to zero and the flight control system would
receive zero signal resulting in no change in the space-
craft attitude. Therefore, a blind zone of + 15 degrees
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width is not tolerable and, in fact, = 12.5 degrees is
the widest blind zone possible if the condition described
above is to be avoided.

The results of these calculations are summarized in
Figure 9, which shows the bounds (within the shaded
area) of the angular error (a) as a function of 4 subject
to the following conditions:

(1) « between 0 and 90 degrees.
(2) Width of blind zone is -+ 10 degrees.

From this curve, it may be seen that the maximum an-
gular error is 35 degrees. It should be noted here that
this angle « is the error in the direction in which the
spacecraft begins to maneuver immediately upon radar
acquisition. Since this error is small, the maneuver will
always be in the proper direction to reduce ¢, thus bring-
ing the spacecraft out of the blind zone.

f. Conclusions. From this study to date, the following
conclusions may be drawn:

(1) A change is required to the present spacecraft
design in order to provide landing visibility at
Goldstone over all the desired launch windows,
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(2) To accomplish this change, there is a region of
required operation (where the angle between the
spacecraft roll axis and the velocity vector are
greater than 65 degrees) in which the doppler
velocity sensor does not perform properly.

(8) The spacecraft attitude control can work through
this region if certain logic changes are made in the
radar and if this blind zone is constrained to
+ 10 degrees in width.

(4

~—

With this change to the radar (and possibly the
reduction of the vernier thrust level during main
retro burning, and for the addition of ballast
where necessary), the total launch window re-
quirements can be met.

3. Design Mission Sequence for List Il Payload

The following design mission sequence (Figs 10
through 17) illustrates an order of experiments which
may be performed within the currently known system,
operational, and DSIF constraints for an August 8, 1963,
launch (last day of the August launch window), with
tounchdown at 5 hours before the end of Goldstone vis-
ibility and 163 hours before the lunar day/night ter-
minator.

An increase in the total energy available to the scien-
tific payload, a decrease in the expected power consump-
tion of some instruments, and the ability to transmit the
X-ray diffractometer data in the low-power transmitter
mode will now essentially ecnable all soil analysis and
noncontinuous geophysical experiments to be completed
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on the first lunar day. However, since the encrgy avail-
able to the scientific payload (5470 watt-hr for a 163-
hour day) and the energy required to perform the
experiments (5500 watt-hr) are presently approximately
equal, further variation in either could necessitate a later
rescheduling of some experiments to the second lunar
day.

a. Mission constraints. This design mission sequence
is based upon the following principal constraints:

(1) The scientific payload will be the List I1 com-
plement of instruments and auxiliaries, which con-
sists of the following:

(a) Surface geophysical experiments.

(b) Subsurface geophysical probe,

(c) Subsurface sampler,

(d) Surface sampler.

(e) Gas chromatograph.

(f) X-ray spectrometer.

(g) X-ray diffractometer.

(h) Radiation detector,

(i) Television.

(j) Tape recorder,

(k) Auxiliaries (mechanism,
wiring),

thermal, battery,

(2) The total energy available to the scientific payload
during the first lunar day will be 5470 watt-hr,
based on a 163-hour period of daylight. The
energy consumed by the scientific payload during
the lunar night will be 4128 watt-hr.

(3) A standard trajectory is selected which represents
the worst case in terms of time from touchdown
to the first day/night terminator:

(a) Launch date: August 6, 1963.

(b) Launch azimuth: 114 degrees.

(¢) Touchdown at 35.5 degrees west longitude.

(d) Time from touchdown to dusk: 6.8 days ( based
on zero degree horizon).

(4) Utilization of the DSIF will conform to the fol-
lowing guidelines:

(a) Injection to 48 hours following lunar night-
fall; 24 hr/day DSIF coverage,

(b) Remainder of first lunar night: daily tracking
missions alternating between Woomera and
Johannesburg stations.

(¢) Just before lunar dawn to 24 hours after sun-
rise: 24 hr/day coverage.

(d) Remainder of second day: Goldstone tracking
missions on second, fourth, sixth, and ecighth

CONFIDENTIAL

days, Woomera and Johannesburg each hav-
ing two tracking missions.

(e¢) Second lunar night: Woomera and Johannes-
burg, each three tracking missions.

(f) Third lunar day: Goldstone two tracking mis-
sions,

(g) Repeat (e) and (f) for remainder of mission.

b. Sequence. The experiments of the first lunar day
are summarized in Figure 10, and experiments for each
of the seven periods of Goldstone visibility after touch-
down are detailed in Figures 11 through 17. With the
exception of the continuous experiments (scientific tem-
perature and the radiation detector) and thermal dif-
fusivity, all experiments in this sequence are shown con-
ducted under Goldstone control, since ample Goldstone
visibility time is available. In addition to the experiments
shown, engincering data will normally be sampled hourly,
and more often during many operations. Experiments
to be conducted during the first lunar night will be the
scientific temperature and .adiation detector, plus the
nighttime portion of the surface thermal diffusivity. Dur-
ing periods where the DSIF is not scheduled for Surveyor
tracking, data from the continuous experiments will be
recorded (to a maximum of 18 hours per recording
period, as limited by the recorder capacity).

D. Flight Control
1. Introduction

The flight control subsystem consists of those elements
of the spacecraft which provide velocity control and
attitude control during the transit phase of the Surveyor
mission. Functionally, the lunar radar and propulsion
elements are part of this subsystem although they are
covered in other sections of this report. Elements of the
flight control subsystem that are treated in this section
include optical sensors, inertial instruments, attitude con-
trols, and flight control electronics.

2, System Design

a. Summary. Two important design changes have been
made in the flight control system during the reporting
period. First, the thrust control system has been con-
verted from an open-loop thrust command channel to
a closed-loop acceleration command servo. This has been
accomplished by extending the use of the accelerometer
in the mid-course velocity control system to the terminal

71



CONFIDENTIAL

JPL SPACE PROGRAMS SUMMARY NO. 37-13

3 L
:
24 » 48 60 T2
'l o - 1 A I
] [
Yo
I
I
|
—J

|

PN T 1

.ll AR .‘55_2._'31_*5
i :35"3"7 |

SAMPLED ONCE Nw

CONTINUOUS OPERATION EXCEPT DURING TV

Figure 10. Surveyor design mission sequence

SUBSURFACE
GEOPHYSICAL

7Y}
HOURS AFTERN

TOUCHDOWN
ANGLE
SURVEY
SURVEY
, ETC.
SURFACE GEOPHYSICAL *

@ pERIOD OF POST-TOUCHDOWN GOLDSTONE VISIBRLITY

EN
MPE
RADIATION DETECTOR

CONFIDENTIAL



JPL SPACE PROGRAMS SUMMARY NO. 37-13

CONFIDENTIAL

Aupqisia suoispiop jo poied ssary “| | sinBig

NOLLYYVd3Nd LNINIAX3 O NOILVEIHO LNILLNNNILNG CE277777)

(I ALNG O°1 LV v 61 FTOAD ALNG 6€°0 IV NOLLYEIJO MILLINENVEL v Si 2N 2)
TVUEAHIOIO INLNE ONV AL ONINNG NOLLVNIJO ANGLLINAGLNI WILLINSNVHL

HIMOd HOW

i 1 . L
NN L430XT SNONNILNOD-GBANGI0 —o| (G080 Viva)
¥0133130 NOLLVIOVY
| JUNLVHINEL
AAINIOS
TYASAHIOIO IVRNS
NOISIATTIL

LN - S
NMOGHINOL
‘431 4V SHNOH
2 " ol 6 s l » s v £ 2 ' o
UNGSINVHOr
1—‘ bep g<
A T T VAIN0OM ArvasiA
— h 7 7] 3M01sa108 450
—l b ¢ —t —
G3LMVLS ¥OLI3130 NOLIVIOVE ONV SMNIVEIINIL IHAILNGOS
TYNSAHGOID 3IVINNS
(3ON3N03S OV TVILING | ASAMNS AL
-GORI3d SHL SININNISI

73

CONFIDENTIAL.



CONFIDENTIAL

Z IININDIS INIJIVN AL TNV MOUUNYN
SISATYNY UOS 30V4NNS
:QOIY3d SINL SLNIMYIdX3I

Aupiqsia suoispiog jo pousd puodes ‘| snByy il |
NOLLVHVIING AINIMYIANT O NOLIVYIJO INILLWYILNG EEFITZZarrn .I.
? r Y3LLINSNYY L u
| Y3MOd HOH 0
(A1) 31200 —1 (A1) 37949 ALNG 660 — I
a1noeso— N OM1v¥340 10— Z
Al ONINNG 1d39X3 NOILYY3IJO SNONNILNOD 40123130 NOILVIGVY o)
JUNLVYHIANIL
| | ! I I | | I i I 1 I I AT
R 13 IN0D
31NVS WYNNT ONVONVLS GNNOYONIVE
1 [~ ] 1 H313M0LIVH 4310
IINYS 3dnvS 31dnvs 1NNOD
OUVONVLS yven OUVONVLIS ONNOUSNIVE
[ _— ﬁ — 4313M0YL1I3dS
SISATYNY SISATYNY SISATVNY
T|-8 oonIL _ fa— B0p OGS Bep oo.ll_
j j HAVHOIOLYNONHD SV9
o ,
- N0 ¥3IMOJ
[ 1n0av3y 1N0QV3Y _ 100QV3Y
(] a0 N0~ NRN10D
- [} ¥3IZIN3AWN
0
Z | v
IVL0L M 1°0 :NOILVYIJO |
M INILLING3IN — BR8] 431dWYS 30vsuns
< | _
=
>3 101 N 1O ;_u.tal
ABANNS AL HAiIM NOILVN340
w 1 AL INILLRHIING j NOISIA3T13L
° | [
M €1 el 11} o 6 ] 4 9 s » € b4 1 o] ALITNGISIA
< INOLSAI109
NMOOHINOL
ﬂ oo 662 n__"o~ S.o.!\L .431 4V SHNOH
o) 1
[ 4 _ 2227777777774 B RS INNWHOT | peg ¢
o 0777 77777 Z 772777 VUINOOM >:Jo.m._m°
“ — | /7. “\\\\\\\\\\-\\\\\\\ \\.\\\\\ 7. H\\ Ll 7 LY -\ /S Z 77 £ Y. 77 YIS \-\\\\ Ll _\\\V 22 INOLSA0D
<
o
]
-

74



CONFIDENTIAL

JPL. SPACE PROGRAMS SUMMARY NO. 37-13

Aupqsia sucispiog jo poured payl gL sanBy

NOILVEVINd LNIWRNIIX3 HO NOILVY3IJO ANILUWNIIN PZDZT770R

(AL) 304D

YILLINSNVEL
Y3IMOd HOM

AL SNINNG 1d430%X3 NOLLYE3HO SNONNILNOD

AL N .6|__\.

¥0433130 NOILVIOVY

|

UNIVHINIL
JNIINNOS

L]
3dNvS YN

YILINOLIVYL ]

¥3I13IN0ULIIdS

Le—"bep 005+

HJVEOOLYNONHD SVO

LANOav I

NRNI0D
¥IZIWIANG
|
WL U0 TVLOL U GI é UIIINVYS FOVIHNSANS
“ _
i 1
¥0T0J ¥O D1 INOLOHJ 1 I
‘NOLLNTIOSIN HOM'AZANNS TWID3dS NOLLYH3JO SNITINYS
] ONINNG AL TWVi0L N _.olj NOISIA3I3L
| | |
€ N_— i 6 [) L 9 [ [ € F ] [) ALIVIMSIA
i 3INOLSAI09
si:gs 00: SS:vy  S2:6¥ iu»::wnww:
I
OUNASINNWHOr
bep G«
A Z 77707 ‘_ VHINOOM ALIN@ISIA
1
7777 77/ . \\.V\ \\r 77 . I, Z L7 .\ 77 _\\ Z H\\\\\\\ .\\\\\ \N_ 3INOLSCW09 #59

A3ANNS AL WID3dS

I3A37 18MI3 ‘SISATVNY T0S 3IvIUNSONS
:Q0I3d SML SINIMNIIXI

73

CONFIDENTIAL



Aupqisia suoisplog jo poed yunoy y| anBy

NOILYYVE 3] LNIWNIIXI HO NOLLYNIJO LNILLINNILN B0

YILLINSNYYL
E [ ¥3IMOd HOM

AL su 10 I\
AL ONINNG Ld3IX3 NOILVY3IDO SNONNILNOD ¥019313G NOLLYIOVY
n
I I | | I ! | I | (I (I ' I s
314NVSE NV

¥ILINOLIVHLIG

314NVS 3NS 3MVS

QUVONVLS dvNn GUVONVLS
- 4 ] ¥313N0¥LIIdS

VY sisavny |
n.qﬁ- Snllet osti—e]

HAVYSOLVNONHD SV9

TNu'_ [ N0 WAMOd

CONFIDENTIAL

o |

| ¥3IZWIAN
ML TNEG WIOL v G —oEREXEN M3 TINVS IDVINNSENS
£ ASANNS AL NOILVY3dO ONIIINVS
] ONINNG AL V101 N 10 NOISIAZ AL
[5] 2 1] o 6 ] 4 9 [ | 4 € r4 | o ALINGSIA
INOLSA WD
12:08 €0:92 sE:69 66:49 431V SHNOH
]
— 7 777 Sas INN Bep G
1SS, VSN, L7 22 Lt Ll YHINOOM A LIWGISIA
P 7777777777777, 77 7777 777, 77770 2777 L7777 {2272 L2722 / vy, \~ Y. \\~ /7Y, .\\\\\ 7/ -\\\\\\\ 74 N01SQ09 450

JPL SPACE PROGRAMS SUMMARY NO. 37-13

€ 90 2 NV | ‘ST VJINVS GUVONVLS HIVEOOLYROWD SYO
£ JININVIS NIV AL ITONV MO¥NVN
13A3TONOIIS ‘SISATYNY THOS IVIUNSeNS

:QOII3d SIHL SININYIIXI

CONFIDENTIAL

76



CONFIDENTIAL

JPL SPACE PROGRAMS SUMMARY NO. 37-13

Aupqsia suoispiog jo pousd yyi4 ‘s| snByy
NOLLVYVII4d LINIMEIGX3 HO NOLLVY3HO LINILLINYIINI 72700

HILLINSNVUL
Y3IMOd HOM

80133430 NOILYIOVY

WNLVEIGNI L
NMIN3IIS

H313N0LDVEINA

¥313IN0YLI3dS

T

IFWINVYS HYNNT

*'%65"00s

FINVYS GUVONVLS

HAVYO0LVNOUHD SYO

HIZWM3IA NG

INIL VYO v

o_é

HININYS

¥ON0O ¥O MWL INOLOHd

NOILAIOSIN HDMH 'AANNS AL W3S ONITIRIO INIUNG

j >_~ Tvi0L z_ i0

%

NOISIA3TIL

£

L4 ! (o]

ALNHGISIA
INOLSTCI09

91 ¥6 on&nl\&

H314V SHNOH

777/ Z Ll \F\\\ \\\\\\—\\\ 4

5
SIS SIISSY,

/. \\-\k\\\\\\\\—\\\ v \\\\A\ 7/ \\\\-\ Ll

LA W\ YIS I/, —\\ s/, \r\\\ Ll

\\\\\\.\\\ L —\\\

1 1

OUNESINNYHOr Sep <

VHINOOM ALTHGHSIA
3INOLST00 u.mﬂ_

€ 90 € 'SIWINVS GUVONVLS HIVNOOLYRNONMD SVD HSINIY

ASANNS AL WID3dS

T3A37 GUIHL "SISATVNY T0S 30viunsens

:00RI3d SIHL SANIMYILIXN3I

77

CONFIDENTIAL



CONFIDENTIAL

Aupqisia suoisplog jo poyed yixis ‘9| enByy

NOILVHVAINd LNINIE3AXI HO NOILVYIJO INILLINYIING EZRARRT0R

JPL SPACE PROGRAMS SUMMARY NO. 37-13

(AL) 3TND°
AlNG 660
Y3ILLINSNVYHL
[z F UIMOd N
ALmio
AL ONIING 1d3DX3 NOLLYNICO SNONNILNOD 0493130 NOILVIOVY
YN LVYHINIL
! ] | ] ] ] ] m | ] ! (I ] NALNINDS
T
3aMvVS SvNn
i ¥3LINOLOVMIH
3NVS 3dnvs 3dnvS
GMVONVLS NN CUVONVLS
- 4 . ¥ILINOYLIIIS
SISK™n ¢ SISATYNY SISATYNY
HAVE90LYNOUHD SYO
| TN|'_ NO W3MOd
ANOav3IN 100QV 3 |\ 1n0QY 3N |\
NRNT0D NNI00 NNT0D
| YIZWIAMNG
INIL TUNO TVLO0L MW n_é HIWINVYS FVSHNSANS
¥ AJANNS AL NOILYY3JO ONITINYS
] ONINNG AL 4_<~o» N _.o\j NOISIA3T3L
€ 2 " ol 6 [] i 9 S » € 2 | [ ALIHISIA
INOLSAI0D
»6:081 £2:921 oen oz —] “h.utqzm..:o:
|
D777 77777777777 SRS INNVHON g o
77272222277 VYINOOM C:.nwmg

~\\ \\\—\\\\\\\A .\\ 7/ L \. 77, \\\\\\- QLY A\ Y, -\\ /Y. -\\ \\W\ 4 IN0LSAV0D

13A3T HIUNOS ‘SISATVNY WOS 3DVAINSENS
& JONINDIS ‘SNIdIVIN AL TTONV MONNVN
:Q0RI3d SIHL SINIMYIIXI

CONFIDENTIAL

78



CONFIDENTIAL

JPL. SPACE PROGRAMS SUMMARY NO. 37-13

Aupqisia suoispjo9 jo poued yueass “£| sanBy

NOILVYVdINd LNIWIHIAXI ¥O NOILVH3HO LINILLNYILNI 227277277

TONLNOD VAUINOOM

¥3dIWD ONV FUNLVMIINIL ‘ALIWRILJ30SNS

UIONN NGNS - ALIAISNAIN0 TVIRIIHL JILINSYW ‘ALIDOTIA JNASNOIV ‘ALISNIO AYIAUSAHIOZD
VNSNS
(Al) 3WAD
ALNG 6£°0 Y3ILLINSNVEL
HIMOd HOIH

¥040313C NOILVIOVY

39N1VE3IdNIL
JAININS

¥313N0LIVHLIIC

¥313IN0ULIIIS

HIVYOOLVNONHD SVO

HIZWIA
u!» Twea 4«._.3 uw ni

G ‘Ot ABANNS AL zo_:zu..o a:_Sm

] oNINNG AL Jﬂor N0 NOISIAZIL
L _ _ |

5] 2 i ] 6 ] L [ [3 v € ~ 1 A LTHONSIA

3NOLS 0109

9%:5G! 92:161 05:E¥ 20: N! 3L v SHnOH
1

7770 7 T A QUNEBS INNVHOM Bep G«
77 22227222222 7 N VYINOOM t_do.w"mo
D777 2722 I 22 7 2 772777 A7 G2 777A INOLSG09

13A3T Hidld ‘SISATVNY N0S INLUNSNS
S 'ON 3JININDIS ONIIVIN AL TIONV MONYWYN

:00I¥3d SIHL SINIMY3IIX3

79

CONFIDENTIAL



CONFIDENTIAL

JPL SPACE PROGRAMS SUMMARY NO. 37-13

phase. Since the maximum acceleration encountered in
the terminal phase is about 0.41 g, it has been necessary
to increase the accelerometer range from 0.25 to 0.5 g.
The principal reason for the design change is to achieve
a more efficient use of vernier engine fuel by operating
the engines nearer their maximum thrust levels during
the vernier descent phase. The large dispersion in thrust
versus command in the open loop configuration, due
mainly to the engines themselves, prevented operation
on an efficient altitude-velocity control law, i.e., near
maximum thrust. The precision accelerometer provides
the means of accurately controlling thrust, independent
of engine dispersions.

The second important modification involves a change
in the thrust phase roll control system. The bang-bang
solenoid actuator originally planned for use in a limit
cycle control system has been replaced by a proportional
positioning servo employing a conventional 400-cps
servo motor. Two factors are involved in this decision.
The inertia and center of gravity offset of the vernier

engine have increased appreciably since the original
design concept was established. Due to the resulting
increase in force level and weight required, the sole-
noid is no longer considered competitive with a more
complex but lighter weight servo. In addition, RMD
( Thiokol) has expressed serious concern over the shock
level experienced by the engine nozzle when the solenoid
actuator hits the stops. The proportional servo, besides
providing a net saving in spacecraft weight, will not
constitute a degrading factor in television coverage, as
was true of the bang-bang solenoid system.

The functional design of the coast and thrust phase
control system has been refined through the use of both
analog and digital computer studies. The coast phase
gas jet attitude control system design has undergone
changes principally with regard to loop gains in order
to obtain optimum vehicle response and also has been
modified to include changes in optical sensor signal char-
acteristics.
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Figure 18. Roll attitude control system
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The thrust phase vernier engine control system design
has been affected by the aforementioned inclusion of the
mid-course accelerometer during terminal descent. Digi-
tal computer studies have indicated the desirability of
going to a four-segment control law trajectory which
results in a fuel saving of approximately 6 pounds.

b. Coast phase attitude control. The coast phase atti-
tude control system remains basically unchanged from
that described in previous reports. Several parameter
values have been altered as a result of updated informa-
tion on the optical sensors, the physical characteristics of
the vehicle, and revised criteria for determining optimum
vehicle-control system performance. A block diagram of
the roll-axis attitude control system is shown in Fig-
ure 18.

The primary objective of the three-degree-of-freedom
analog computer simulation during this period was to
determine an optimum set of loop gain and shaping net-
work characteristics for both the inertial and optical
modes of operation. The three criteria used in evaluating
system performance were (1) system settling time, (2)
impulse required, and (3) the integral squared error.

These measures of system performance in the inertial
made are shown in Figures 19, 20, and 21 for all three
axes. The optimum values of K, = 6 an ! 1, = 3.2 seconds
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Figure 19. Optimum roll contrel in inertial mode
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were arrived at by a comparison of system responses
using the foregoing three criteria. The gain K,K; was
adjusted to prevent the angular error from exceeding its
maximum allowable value of 0.2 degree for the yaw
channel, 0.138 degree for the pitch channel, and 0.121
degree for the roll channel.

The settling time and impulse required for the pitch
and yaw optical channels are shown in Figures 22 and
23. The optimum rate loop gain (K,/K,) was determined
based on initial conditions of a yaw angle of 9 degrees
and a yaw rate of 0.5 deg/sec with a pitch axis rate of
zero. The mechanics of Sun acquisition make such initial
conditions highly probable, since the approach of the
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Figure 21. Optimum yaw control in inertial mode
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Sun line to the primary Sun sensor field of view will
generally be in the pitch-roll plane, requiring a yaw
maneuver. Constraints which operate in the attitude con-
trol system at this time include (1) the signal charac-
teristics of the primary Sun sensor as shown in Figure
24 where the gain K, was chosen so that the maximum
allowable error would canse the gas jets to fire, and (2)
the gyro gain K,K, which was chosen so that separation-
induced rates will not cause gyro saturation.

The settling time and impulse required for the roll
optical channel are shown in Figure 25. The optimum
roll rate loop gain (K./K:.) was determined using an
initial roll angle of 4 degrees and a roll axis rate of 0.5
deg/sec. The signal characteristics of the Canopus sensor
are shown in Figure 26,

The rate loop gain (K,/K;) for optimum optical mode
performance, the rate loop gain (K;K;) for minimum
error angles about each axis during incrtial mode of
operation, and the closed-loop gyro gain (K,K.) cannot
be realized simultaneously with the control system con-
figuration represented in Figure 18. Various means of
achieving all of these optimum parameters are under
study. Two approaches appear promising. The first con-
sists in adding a switch to change gains when going from
the inertial to the optical mode of operation. The second

approach is one of compromise in that optinm ., alues
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Figure 26. Canopus sensor signal characteristic

of K,/K, and K;K, can be realized at the expense of a
larger value of K,K;. In effect this would decrease the
limit cycle deadband in the inertial mode by a factor of
three, but would result in increased fuel consumption.

c. Vernier retro descent phase. The efficiency of the
vernier retro mancuver is strongly dependent on the
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average thrust level of the vernier engines during the
maximum thrust phase. For each pound of thrust below
the maximum available 312 pounds, a penalty of about
0.3 pound of vernier fuel is incurred. The open-loop
thrust command system originally planned suffers in
efficiency because of the large uncertainty in thrust versus
command. This is due primarily to the dispersion of the
vernier engines (approximately 107 ). To avoid a pitch-
yaw limit cycle oscillation and to ensure a safe margin
for soft landing, the range-velocity profile would Lave to
be set for a thrust level about 60 pounds below the
maximum of 312 pounds.

In order to obtain greater fuel efficiency, the thrust
channel has been modified to an acceleration command
servo. This can readily be accomplished by using the
precision accelerometer in the inertial reference unit
(IRU) as the feedback sensor. The range of the instru-
ment must be increased to 0.5 g, because of the higher
acceleration involved in the vernier phase. The new
design provides the means of accurately controlling the
thrust-to-mass ratio. Since the spacecraft mass will be
known to within a few percent, at the start of the maxi-
mum thrust phase, a considerable improvement in thrust
control can be realized. The new configuration is shown
in Figure 27,

The variation in spacecraft mass during the maximum
thrust phase is accurately known. It is possible therefore
to vary the acceleration command limiter in a way to
compensate for the mass variation and thus maintain a
constant maximum thrust level. Because of the simplicity

of mechanization, however, it is planned to use a two-
level limiter. By resetting the limiter when half the mass
variation has occurred, only a small fuel penalty is in-
volved. The total variation in mass during the maximum
thrust phase will be about 10%. The two-level limiter
will provide an average thrust 2.5% less than the peak.
The improvement in a three-level limiter is not considered
to justify the additional complexity. Even if a continu-
ously variable limiter were used, the range-velocity pro-
file could not be set to correspond to 312 pounds thrust
level. Allowance must be made for several factors, the
more important being

(1) Altimeter and doppler radar errors.

(2) Uncertainty in mass at the start of the maximum
thrust phase.

(3) Residual for linear moment control range.
These factors total about 7.5 (3,). The average thrust
level will therefore be about 109% below the maximum
engine capability of 312 pounds. In comparison to the
original open-loop design, an improvement of about 29
pounds in average thrust level can be realized. This is
cquivalent to a saving of about 8.7 pounds of verier fuel.

A digital computer study recently completed indicates
that a saving of about 8 pounds of vernier fuel can be
realized by using a four-segment approximation to the
reference parabola rather than the three-segment ap-
proximation originally planned. Provisions have there-
fore been mnade in the electronic circuits to add the
fourth segment.
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Figure 27. Velocity control system with acceleration servo
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The gain in the pitch and yaw attitude control loop
has been increased by a factor of two in order to limit
the steady-state attitude error to 0.1 degree in the
presence of the expected 3, main engine misalignment
moment of 1100 inch-pounds.

3. Subsystem Tests

a. Single-axis air bearing table. Single-axis table tests
are currently scheduled to start about February 15, 1962.
Completion of the test facility is awaiting the receipt and
installation of various pieces of associated hardware,
including telemetering equipment, recorders, test con-
soles, and portions of the flight control subsystem, When
completely assembled, the table inertia will be measured
with the table forming a part of a torsional pendulum.
The single-axis table will be required to provide the
major portion of the design verification of the gas jet
coast-phase attitude control system, because plans to run
tests on the three-axis air bearing table at the JPL facility
have been cancelled.

b. Flight acceptance test program. A preliminary sub-
system flight acceptance test specification has been writ-
ten for the flight control subsystem. The complete sub-
system flight acceptance test will consist of a pre-environ-
mental functional check, the environmental test, and a
post-environmental functional check, which will be a
duplication of the pre-environmental functional check for
the most part. The single-axis air bearing table will be
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Figure 28. T-2 reference trajectory
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used to make the closed-loop functional check of the gas
jet attitude control system with simulated Sun and star
sources. A test facility with a single-axis dividing head
and simulated Sun and star sources will be used to
measure the alignment of the flight control sensors rela-
tive to the flight control sensor group mounting surface.
The same facility will be used to determine the scale
factor and null fixed drift of each integrating gyro as
part of the entire sensor group. A rate table will be used
to measure the alignment error of each gyro in the inertial
reference unit relative to the flight control sensor group
mounting surface.

¢. T-2 test program. Additional T-2 trajectory analysis
has been completed using a one-degree-of-freedom digi-
tal computer simulation. The program considered only
the vertical force relationships and included variable
mass due to fuel consumption. The thrust control loops
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Figure 29. T-2 trajectories from various initial altitudes
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were simulated except for the vernier engine and valve
lag times. The purpose of the analysis was to determine
(1) the initial drop altitude which provides adequate
capture of the commanded trajectory, (2) the effect of
thrust control system gain on system performance, and
(3) a suitable reference parabola and associated straight-
line segments.

In order to facilitate comparison of trajectory perform-
ance, the reference trajectory shown in Figure 28 was
chosen, based on an arbitrary set of reference param-
eters. Trajectories were obtained for initial altitudes of
1000, 500, 400, 300, 200, and 150 feet as shown in Figure
29. Only the first portion of these trajectories is shown,
since the remaining portion is similar to the reference
trajectory. For all cases, it is apparent that initial altitude
has little effect on vehicle performance. If the present
20 pounds of fuel carried by the T-2 vehicle is completely
used, the maximum drop altitude is limited to about 460
feet. However, this does not take into consideration the
fuel required for moment control.

The thrust system gain was varied from 16.2 to 81.0
Ib/ft/sec with consequent vehicle trajectory perform-
ance as shown in Figure 30. These values of thrust system
gain correspond to spacecraft values of 50 and 250
Ib/ft/sec. As expected, the higher gain produced a
tighter control response. The higher gain descent re-
quired approximately 3 pounds more fuel than the low
gain descent.
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All of the preceding trajectories were based on line
segments fitted to a 1.79 ft/sec’ acceleration parabola.
Vehicle trajectory responses were determined for both
a 0.870 ft/sec* acceleration parabola (Fig 31) and a
3.785 ft/sec* parabola (Fig 32) for various values
of weight-to-thrust ratio. The results are based on the
parameters listed on the next page.
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Minimum programmed thrust, T,,, : 60 b
Thrust system gain, K, . . 81 Ib/ft/sec
Vernier propellant specific impulse, /,, 198 Ib-sec/lb
Drag coeficient — area product, CdS IS TN
Air density .. ... 0.0025 slug/ft*

The vehicle performance on the low acceleration parab-
ola compares favorably with the reference trajectory,
while the vehicle performance relative to the high accel-
eration trajectory varied depending on the weight-to-
thrust ratio. Satisfactory performance is obtained when
the weight-to-thrust ratio corresponds to the constant
acceleration from which the line segments are derived;
that is, 170/190 and 180/200 for a = 3.785 ft/sec*. The
intermediate weights (180/190 and 190/200) produced
marginal performance in that these trajectories had more
error along the last line segment and barely stabilized at
the commanded 5 ft/sec. The highest weights (185/190
and 195/200) trajectories are unsatisfactory because they
appear to be diverging from the last line segment and
are unable to stabilize at the constant velocity since they
reached the 13-foot engine cut-off altitude before they
attained a velocity of 10 ft/sec.

Final selection of the initial drop altitude, thrust sys-
tem gain, and control law trajectory for T-2 tests is await-
ing more extensive analysis, which will include moment
control and better defined spacecraft trajectory perform-
ance and parameters.

4. Sensor Group Assembly

The flight control sensor group has undergone re-
arrangement as illustrated in Figure 33. The support,
previously a space truss, is now conceptually a platform
with three mounting lugs so spaced around its perimeter
as to intersect the center of gravity of the sensor group.
The support is made from aluminum and will be a brazed
assembly consisting of an outer frame with stiffening
elements and unit mounting bosses placed as required.
A substantial weight saving in the support is realized
with this simplified design. Increase in volumetric pack-
aging efficiency allows the sensor group to be located
closer to the roll axis of the spacecraft. Use of shorter
mounting brackets on the vehicle will represent some
weight saving, as well as providing a more rigid coupling
to the sensor group.

In the new design, the inertial reference unit (IRU)
has been moved from a position beside the electronics
package to a position above it, causing a relocation of
the IRU radiating surface. The flight control clectronics
unit is more rigidly attached to the sensor group support
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in the new design and allows some simplification in the
internal arrangement. The problem of stray light reflect-
ing into the Canopus sensor has not changed appreci-
ably with the new sensor group configuration. It is at
present geometrically possible to pick up a multiple
bounce light reflection from the extended vehicle land-
ing legs. The light shield on the Canopus sensor may
have to be altered to eliminate this possibility. The Moon
detector has been eliminated from the assembly. Verifi-
cation of the position of the star Canopus will be
achieved by means of a star map constructed from telem-
etered star intensity signals.

Engineering effort has stopped on the original truss-
type support, and will now be directed toward prepara-
tion of a test model of the new configuration.

5. Optical Sensors

a. Canopus sensor. Figure 34 shows a mechanical
breadboard of the sensor which is similar in appearance
to the first engineering model. During this report period,
a working breadboard model of the Canopus sensor was
completed and satisfactorily demonstrated. Temperature
compensation has been added to the developmental cir-
cuits and a preamplifier included to provide additional
gain for the photomultiplier tube.

As a result of initial lateral vibration tests on the
mechanical breadboard model, the base of the sensor has
heen altered to attach more rigidly to the sensor gioup
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assembly, The more rigid attachment alters a previons
concept of thermal isolation and a thermal analvsis of
the combined sensor group and Canopus sensor is now
being performed.

Although the first Sun-star simulator has been com-
pleted, additional circuitey is being added for calibration
purposes to compensate for the high amplitude of star
scintillation encountered during the breadboard model
ficld tests.

Qualification test procedures have been written for
the component parts of the sensor and gualification test-
ing of critical items (phototube, motor and gear train,
magnetic pickup, ete.) is continuing,

A decision was made to delete the Moon detector as an
anxiliary indicator of Canopus position. Verification of
Canopus position will he obtained by construction of a

Figure 34. Mechanical breadboard of Canopus sensor
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strip star map by means of telemetered data from a sepa-
r te star intensity channel in the Canopus sensor.
b. Sun sensors. The developmental model of the pri-

mary Sun sensor (Fig 35 has been completed and
preliminary tests have bheen run at the Sun sensor test

Figure 35. Primary Sun sensor

Figure 36. Sun sensor test facility
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facility (Fig 38) at Hughes Aircraft Company in
Culver City. The facility consists of an equatorial mount
to track the Sun and a precision Kern, 1-second, theodo-
lite attached to the mount to accurately position the
sensor with respect to the Sun. The sensors are mounted
on a special adapter plate attached to the theodolite. A
4-foot long fiberglass tube and light-tight enclosure are
used to keep stray skylight from affecting measurements.

The intensity level on days when tests have been per-
formed (in November) has ranged from 73 mw/cm? to
96 mw/cm® as measured with a silicon solar cell cali-
brated with an Eppley pyrheliometer. These levels are
sufficient for most testing and are obtainable at Culver
City because of the use of direct solar viewing instead
of a mirror system. The facility will have provisions for
battery operation, and measurements at a high-altitude
location can be made if necessary. It is planned to cor-
relate calibration of a Sun sensor with measurements
made at the JPL test facility.

Tests on Clairex photoconductive cells are being con-
tinued with no serious problem areas yet uncovered.
Illuminated cell resistance versus temperature, ultra-
violet exposure, high-temperature soaks, and power dis-
sipation tests have been performed.

The behavior of the illuminated cell resistance with
temperature indicates that cells for the primary sensor
will have to be roughly matched with regard to the slope
of the temperature-versus-resistance characteristic. The
effect of temperature on the cadmium sulfide cells at
high levels of illumination is small, but matching is de-
sirable for maximum null stability.

Cells were exposed to ultraviolet energy in the band
from 2200 to 3150 A for a period roughly equivalent to
1000 hours in space with no measurable degradation. The
tests indicate that ultraviolet damage will not be a prob-
lem for either "he secondary or primary Sun sensor. Ex-
posure of cells to sterilization temperatures of 125° C for
24 bours also had no measurable effect on their behavior.

Short-term power dissipation tests at elevated tem-
peratures have been conducted and indicate that oper-
ation at expected power dissipation levels presents no
problem. Long-term tests are in progress to further check
this point.

6. Inertial Reference Unit

a. Instruments. The final sclection of a gyro which
fully satisfies Surveyor flight control subsystem require-
ments was completed on November 3, 1961, with the
release of a purchase order to the Kearfott Company for
26 gyros. Latest information from Kearfott indicates that

parts for all 26 units are in work and on schedule. De-
livery of the first unit is expected on January 30, 1962.

Additional phases of gyro procurement which are un-
der continuing study are as follows:

(1) The establishment of a gyro environmental test-
ing program compatible with Surveyor spacecraft
requirements will be negotiated with Kearfott
under an amendment to the contract.

(2) The establishment of incoming test procedures
for gyro performance will be mutually agreed
upon by Hughes Aircraft Company and Kearfott
in order to achieve compatibility of testing tech-
niques and to provide test data which can be
properly correlated.

The accelerometer evaluation program is nearing com-
pletion. Two evaluation units, one from Donner and one
from Palomar, were purchased to (1) determine the
adequacy of this class of instrument for the Surveyor
mission, and (2) assess the relative performance charac-
teristics of units from two possible vendors. Both units
have demonstrated the potential capability of meeting
the accuracy and repeatability requirements, though re-
sults are still somewhat inconclusive hecause of minor
functional difficulties encountered. Sticking around zero
¢ was observed in the Palomar unit and after limited
tests it was returned to the vendor for rework. The Don-
ner unit exhibited an intermittent behavior at the normal
operating temperature of 180° F, which is believed to
be due to a faulty electrical component. Performance at
room temperature was generally satisfactory. Additional
tests are being performed on the Donner unit to deter-
mine its repeatability after environmental exposures.
Similar tests on the reworked Palomar unit are planned.

b. Unit design. In mid-November all design and test
efforts were stopped on the original T-mounting struc-
ture, and redesign was immediately started to conform
to a space envelope compatible with the reconfigured
flight control sensor group structure. The general reasons
underlying this change were given above under 4, sensor
group assembly.

A portion of the analysis and design effort previously
expended is directly applicable to the new design and
was utilized in the establishment of the preliminary con-
figuration shown in Figure 37. A general change to
the original temperature control concept was necessitated
by the reduced space view factor due to the new IRU
mounting orientation. The temperature of each gyro will
be maintained by individual controllers rather than the
common controller of the original design. Excess heat
will be conducted to a common space radiator, which
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Figure 37. Inertial reference unit

will be oriented facing the Sun during transit phase to
make maximum utilization of solar energy, thereby mini-
mizing the average heater power which must be applied
to maintain gyro operating temperature.

Preliminary analysis is in process to determine the
control power and radiator temperature during the mid-
course maneuver when solar energy to the radiation
panel will vary. A parametric study has been run on the
IBM 7080 computer to determine mid-course control
power and radiator temperature for variations in the ratio:

aF,

lF.

where F, is the view factor of the Sun and F, is the view
factor of space; a and ¢ are absorptance and emittance
of the radiator panel. The results indicated that in order
not to exceed a peak heater power of 30 watts, the
a F,/¢ F, ratio should not exceed 0.4.

The analysis of the transient thermal response of the
gyro temperature when the heat source is the gyro heat-
ers rather than solar energy is in process.

7. Attitude Control

a. Gas jet subsystem. Evaluation of gas tank vendor
proposals indicated that the weight requirement of 7.2
pounds would be exceeded by approximately 0.7 pound
with tanks made of 6AL-4V titanium alloy. Menasco
Manufacturing  Company proposed using 7AL-4Mo
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which would meet the weight requirements, and was
therefore selected as the vendor.

After release of the procurement specification for the
squib-operated valves, a design change was made. The
requirements of one normally closed valve for gas release
and one normally open valve for gas shutoff were
changed to two normally closed valves. This will permit
the release of residual tank pressure during vernier de-
scent rather than storage, to minimize the possibility of
gas tank rupture. Four vendors submitted proposals on
the original concept, of which two, Conax and Thiokol,
were considered acceptable. A revised procurement
specification, statement of work, and drawings will be
resubmitted to these two vendors for proposals.

The pressure transducer has been changed from a
Bourns Model 304 to a Model 737 with modifications in
mounting and electrical connections to obtain a hermeti-
cally sealed unit and also obtain increased overpressure
capability.

Two jet valve pairs have been assembled and are now
being subjected to environmental operation tests. Figure
38 is a photograph of the preliminary design. Other
parts are in process which will reflect a close coupled
AN-type pressure connection to satisfy the Surveyor gas
plumbing requirements.

An engineering model of the pressure control, com-
prising the pressure regulator, pressure relief, and sole-
noid shut-off valve, is shown in Figure 39. Tests are

Figure 38. Gas jet valves
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Figure 39. Pressure control fer gas jet system

now in progress. Additional units are being fabricated
which reflect minor design and fabrication changes.

b. Roll actuator. The vernier roll actuator provides roll
moment control during mid-course and terminal ma-
neuver phases by positioning the No. 1 vernier engine
thrust axis. The actuator design previously under devel-
opment was a double-acting electromagnet which pivoted
the trunnion-mounted vemier engine through a lever
arm linkage. The design concept for the roll actuator has
been altered considerably in the present reporting period.
The new design is a proportional positioning system
using a conventional servo-motor and gear reduction unit
and inductive pickoff sealed in a single housing.

The primary reason for the design change was the
increase in the vernier engine weight, inertia, and loca-
tion of center of gravity as seen from the pivot axis. In
order to continue to meet performance requirements, the
output force of the two-position solenoid would have had
to increase to 7.5 pounds. The increase in output force
caused a significant increase in solenoid design weight
duc to the increase in plunger size to carry additional flux.

In addition, concern over the effects of the bang-bang
solenoid characteristics on the vernier engine nozzle
structure had been expressed by RMD. An effort was
under way to develop “soft” stops to limit engine motion.
Unfortunately, the design requirements were somewhat
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conflicting since a soft stop implies delayed motion which
tends to violate an initial requirement for rapid engine
positioning. A bang-bang solenoid design which would
meet the system requirements would result in an increase
in spacecraft weight of 2 to 3 pounds. As a result, a thor-
ough study was made of alternate techniques and the
proportional system using an ac motor-gear and pickoff
was selected.

Th-: proportional system chosen will allow a decrease
in power requirements and a slight decrease in spacecraft
weight. Preliminary requirements for the actuator are:

Weight <121b
Power . . < 8 watts, 400 cps
No-load speed . 0.13 rad/sec
Stall torque 52 in.-lb

The new design of the roll actuator will be subcon-
tracted. A detailed procurement specification and state-
ment of work are presently being prepared.

8. Control Circvitry

a. Summary. Detailed evaluation and optimization of
the control circuitry is continuing by means of bread-
board testing. Circuit parameters are being adjusted
where necessary to compensate for the varying ambient
temperatures and power supply voltages.

The thrust control circuitry has changed as a result of
using the mid-course accelerometer to provide acceler-
ation feedback signals during the vernier descent mode.
The revised thrust control circuitry is shown in Figure
40. The mid-course command signal is applied only dur-
ing mid-course thrust control, providing, after summation
with the accelerometer feedback signal, a thrust com-
mand proportional to the acceleration error. The acceler-
ation loop during mid-course has not changed basically.
However, use of the accelerometer during vernier des-
cent has nccessitated increasing its output range as well
as decreasing its scale factor. During vernier descent the
summation of the descent acceleration command and the
accelerometer signal provides a thrust command to the
vernier mixing network. The descent acceleration com-
mand is the amplified difference between the thrust axis
velocity measured by the doppler radar and the altimeter
signal that has been shaped by the nonlinear circuitry.
The descent acceleration command is limited prior to
summation with the accelerometer signal to prevent sat-
uration of the vernier engines, in accordance with Figure
41. A low (but not minimum) thrust command results
whenever the descent aceeleration command is less than
or equal to 0.11 g Commands rising above this lower
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limit will produce proportional increases in thrust until
the maximum thrust command of 0.42 g results. At a
certain point along the trajectory (approximately 2500
feet range), the limit imposed on the descent accelera-
tion command is increased by approximately 6% to
compensate for the decreasing spacecraft mass. The
switches shown in Figure 40 are functional representa-
tions of standard flight control solid-state switches.

JPL SPACE PROGRAMS SUMMARY NO. 37-13

The roll actuator servoamplifier design has changed
as a result of the decision to use a proportional actuator.
Figure 42 is a block diagram of the proportional ioll
actuator and associated circuitry. The actuator consists
of a two-phase servo motor which with associated gear-
ing and position pickoff is mounted such that vernier
engine No. 1. may be swiveled through a small angle. As
before, the roll attitude error is obtained from the gyro
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and is amplified and frequency-shaped. This signal,
which is a position command, is summed with the posi-
tion feedback, to create a motor drive proportional to the
position error. Upon separation of the retro-rocket case
from the craft, a gain change is made in the attitude
loop to compensate for the decreased moment of inertia
that results. A Class B power amplifier is used to drive
the servo motor, and is composed of the same type of
power transistors that were used in the previous bistable
version. The demand of the Class B amplifier from the
power supply is now proportional to the position error.

In the solenoid design there was a constant drain on the
power supply. At maximum output the proportional cir-
cuit demand is smaller than that of the previous bistable
version.

E. Electronics
1. Introduction

This section covers the various systems involved in
telecommunications (including the demodulator circuits
for the deep space station), the television system, and
the radar systems. The spacecraft power management
and the flight control electronics are discussed in Sections
F and D, respectively.

2. Planar Array (High-Gain) Antenna

The planar array antenna concentrates the energy of
the television transmitter in the direction of the Earth.
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Figure 42. Proportional roll actuator
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This high-gain antenna is a slotted waveguide plauar
array. Circular polarization is accomplished by u.liz-
ing crossed slots and simple slots in a manner that pro-
duces two orthogonal linearly polarized planar arrays
in a given aperture. These two interlaced arrays are fed
in time quadrature. Higher-order beams characteristic
of large slot spacings are eliminated through the use of
waveguide with wave-slowing corrugations which in
turn allows reduced slot spacings.

Extensive coupling coefficient measurements were
made on both the crossed slots and singular slots. These
slots are generally nonresonant since the coupling value
is controlled by the slot length. Figure 43 shows curves
of coupling coefficient versus slot length for both types
of slots. Tests show that the phase shifts associated with
these nonresonant slots were much larger in the corru-
gated guide than in standard guide. Therefore, phase
measurements have been made on both the radiated
wave and the driving wave. These data were used to
determine the adjustments in the slot spacing which
effect the desired phase corrections.

A linear array test fixture has been built to accom-
modate removable aperture plates. The planar array
slot configuration requires two slightly different slot
patterns in its component linear arrays. Hence linear
array aperture plates are made in sets of two. Two such
sets have been made. The first set did not have its slot
spacings compensated for induced phase shifts. The sec-
ond set did incorporate corrections for such errors based
on phase shift data mentioned above and a study of
patterns taken on the first set of aperture plates. A
second set of plates, designated 1b and 2b, gave fairly
good results. Voltage standing wave ratios (VSWR)
as a function of frequency are shown in Figure 44.
The measured power into the load was almost exactly
as calculated, indicating that the slot coupling data
are good. Typical patterns are shown in Figures 45
and 46. They were taken on a 38.5-inch square ground
plane to simulate the planar array. The polarization
ellipse has its major axis aligned with the longitudinal
axis of the array. Hence the magnitudes of the two
orthogonal components shown on the patterns give an
accurate indication of the axial ratio (approx 18
db). The beam tilts are about 1% degree larger
than expected but this is easily corrected. Measured
gains, with respect to the gain of a circularly polarized
isotopic source, are 17.3 and 17.0 db, respectively,
for arrays 1b and 2b. The large lobes noticeable in the
region near § = — 90 degrees for E, polarizations are
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the second-order beams expected in the linear array
patterns. The combining of the linear arrays into a planar
array will suppress these beams.
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Evidence of some phase error is still present in these
patterns and the side lobes are higher than desired;
therefore, an improved set of linear array aperture plates
will be made before a full planar array aperture plate
is designed.

A set of test fixtures for developing the full-size transi-
tion from the coaxial line connector to the feed guide
were received, and measurements are now under way
using a loop probe as a coupler. Preliminary data appear
very promising and a VSWR of 1.2 has been obtained.
This data is now being verified by newly designed loop
probes. In addition, another fixture for taking feed line
slot conductance measurements under conditions simu-
lating the final configuration was received. Measurements
on this fixture have also been started.

Fabrication of a breadboard planar array with a re-
movable aperture plate has begun. The feed line for this
model will be electrically identical to the feed to be
used on flight units. Two mechanical prototypes are
being built to prove out fabrication techniques. Delays
in developing necessary tooling have held up production
of a model welded by an ultrasonic welding technique.
Several 8-inch square sections have been produced using
this method. These sections appear functionally sound
and the full-size model should be finished soon. The
other mechanical prototype is being built as a backup
to the ultrasonic welded model. This one uses an ad-
vanced resistance welding technique and is 75% com-
plete. The results so far look as promising as the ultra-
sonic weld method.

3. Omnidirectional Anfennas

The omnidirectional antenna system is used to pick
up command signals from the Deep Space Instrumenta-
tion Facility (DSIF) and transmit telemetering data
back to Earth. The omnidirectional antennas form part
of the phase-locked loop between the spacecraft and the
DSIF station which continuously measures doppler shift
to determine spacecraft velocity. The antenna system
consists of two turnstile antennas each of which is backed
by a conical reflecting surface. The turnstile elements are
oriented parallel to the ground plane (Fig 47).

The two turnstile antenna axes are to be oriented with
respect to each other and to the spacecraft as indicated
in Figure 48. It is believed that this orientation will give
the best spherical coverage and still provide adequate
operating characteristics in case a failure occurs result-
ing in a tumbling of the spacecraft about some axis.
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A set of patterns was taken using two quarter-scale
antennas and a quarter-scale model of the spacecraft
oriented as shown in Figure 49 which also indicates the
experimental setup used to make the patterns. The an-
tennas were only approximately oriented to the optimum
position indicated by Figure 48. This was due to the
inadequate coverage of the particular turnstile antennas
used for making these coverage patterns. A study is
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Figure 47. Omnidirectional antenna outline
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presently being directed toward increasing the angular
coverage of the individual antennas.

Some of the patterns taken are shown in Figure 50.
It should be noted that these patterns, taken with two
turnstile antennas, provide 360-degree coverage (one an-
tenna covers the null of the other) as opposed to the
single antenna patterns of the last report.

The full-scale turnstile antenna is undergoing circuit
development to obtain the proper phase relationships
between radiating elements and to obtain the best im-
pedance match over the band of operating frequencies
being used. An alternate antenna design is under con-
sidcration in an effort to obtain the best pattern cover-
age as well as the mechanical advantages of light weight
and structural rigidity. This antenna consists of a circular
cavity radiating circular polarization at the apex of a
cone. Figure 51 indicates the approximate configuration
being considered.

Arrangements are being made to modify the antenna
range to provide the facilities necessary to take antenna
patterns using the full-scale antenna system with the
full-scale model of the Surveyor spacecraft.

4. Commond Display Console Demodulator

a. General. The command display console (CDC)
demodulator serves as a frequency modulation and phase
modulation detector for signals coming from the DSIF
receiver. The CDC demodulator has four modes of
operation which are described below.

/\0

ANTENNA ¢

ANTENNA !
-

29 db ELLIPTICAL
POLARIZATION

Figure 49. Test orientation of quarter-scale antennas

(1) Wide band: In the wide band mode of operation
the demodulator detects the wide band television and
telemetering data within a 3.3-mc intermediate fre-
quency (IF) bandwidth.

(2) Narrow band: The narrow band mode of opera-
tion detects telemetering information within a 30-
ke IF bandwidth.

(3) Emergency mode: The emergency mode of opera-
tion detects television information within a 4.4-kc IF
bandwidth.

(4) Phase lock mode: The phase lock mode detects
wide band phase modulation signal within a 3.3-
mc IF bandwidth.

All detected signals are supplied to the CDC where
they are processed.

As a result of the CDC demodulator circuit design
review, certain modifications and additions to the pres-
ent circuit are necessary or desirable:

(1) Wide band video filter.
(2) Emergency mode video filter.

(3) 2.4-mmegacycle IF channel to utilize existing nar-
row band IF signal from the DSIF receiver.

The wide band and emergency mode filters are re-
quired to realize the full signal-to-noise improvement
gained by using wide band frequency modulation. The
24-mc IF channel was added to the demodulator
for operation in the narrow band and emergency modes.
The new channel takes advantage of a narrow band
output signal from the DSIF receiver. The availability
of this signal was just recently made known. The new
IF channel reduces the complexity of the demodulator
by replacing the third and fourth IF amplifiers formerly
used for these modes of operation. The second and third
conversion oscillators thus are also eliminated. The modi.
fication was desirable not only to simplify the demodu-
lator, but to reduce the possibility of interfering signals
being generated in the demodulator which would affect
normal DSIF receiver operation. Especially serious was
the existence of several conversion oscillators which
could mix together and produce unpredicted signals.

b. Function description. A revised block diagram of
the CDC demodulator is shown in Figure 52. The opera-
tion of the wide band discriminator and phase detector
loop are the same as described previously (SPS 37-12),
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with the exception that a low pass filter has been added
to the wide band frequency discriminator output.

A 24-mc IF signal is supplied from the DSIF
receiver to the input of the 2.4-mc amplifier.
Provisions are also made in the DSIF receiver whereby
a 10-, 20-, or 30-kc noise bandwidth for the 2.4-

JPL. SPACE PROGRAMS SUMMARY NO. 37-13

mc signal can be selected. The input signal is
amplified and applied to a switch. In the narrow band
position of the switch, the signal passes through a re-
sistive pad which matches the crystal filter insertion loss.
In the emergency position of the switch, the signal
passes through a crystal filter with a 4.4-kc band-
width. The amplified 2.4-mc signal is supplied

0 = angle between spacecraft rell axis and line of sight to transmitter, deg
Frequency = 9180 mc

6260009 .30

270

240° “120

210° 150

Figure 50. Antenna patterns with two turnstiles
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Figure 51. Cone-cavity antenna (design alternate)

to the limiter and the AGC detector. The AGC detector
output signal is filtered and fed back to the 2.4-
mc amplifier such that the input signal to the
limiter is maintained constant for a 20-db variation
of the input signal. The limiter removes amplitude modu-
lation to which the AGC loop can not respond. The
limiter output is fed to the narrow band frequency dis-
criminator where the emergency television or telemeter-
ing subcarrier signals are detected. The telemetering
subcarrier signals are applied to the summing network
and they appear at the wide-band video output. The
emergency television passes through a low pass filter
and a video amplifier to the emergency television output
terminal. The narrow band frequency discriminator dc
output voltage js filtered and supplied for monitoring
the frequency drift of the DSIF receiver. Tuning cor-
rections to the receiver may be manually applied as
necessary.

5. Signal Processing

The signal processing system in the Surveyor space-
craft processes the variety of signals from the scientific
instruments and the many channels of engineering infor-
mation into a form suitable for modulating the trans-
mitter. The system consists of three major blocks: (1)
the central signal processor, (2) the engineering signal
processor, and (3) the scientific signal processor., One
of the main objectives in the system design was to
achieve as much independence between individual ex-
periments and the processing of engineering information
as is reasonable. This independence increases reliability
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and also allows changes to be incorporated into the
system more readily.

a. Central signal processor. The central signal proces-
sor contains two analog-to-digital (A-D) converters,
three subcarrier oscillators, six weighted summing ampli-
fiers, eight power switches, and a subcarrier oscillator
bypass gate. The block diagram of the analog circuit
portion of the central signal processor is shown in Figure
53. Output signals from the A-D converter, scientific
auxiliaries, and engineering signal processor are com-
bined in the summing amplifiers and are then sent to
either one of the two transmitters. The transmitters are
either phase-modulated or frequency-modulated de-
pending on which mode has been selected.

The method of summing the various signals has been
changed since the last report. A redundant-type sum-
ming system has been selected in order to eliminate the
possibility that failure in the “final’ summing amplifier
might prevent signals from modulating either of the
transmitters. This system uses individual “final” sum-
ming amplifiers to provide signals for the four different
modes: (1) frequency-modulated transmitter A, (2)
frequency-modulated transmitter B, (3) phase-
modulated transmitter A, and (4) phase-modulated
transmitter B. Two additional summing amplifiers are
used to “pre-sum” outputs of various scientific auxiliaries.
This pre-summing reduces the number of inputs to the
“final” summing amplifiers and therefore allows a reduc-
tion in the complexity of the summing amplifiers. In
addition, changes can be incorporated into the system
quite readily.
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The analog circuitry for the central signal processor
has been breadboarded and is undergoing performance
tests. A design review of the circuit has been conducted
and no serious problems were uncovered. Recommended
modifications that were found to be valid were incor-
porated into the design. Final circuit release for prod-
uctizing will be made when performance specifications
are firmer.

The schematic diagram of the analog circuit portion
of the central signal processor is shown in Figure 54.
The signal summing is performed by operational-type
summing amplifiers. Each of the six amplifiers uses two

high-gain silicon planar transistors and they are iden-
tical except fc minor variations that reflect different
bandwidth and impedance requirements. Ground-out
switches have been added at the inputs of the “final”
summing amplifiers since the last report. The ground-out
switch prevents signals from feeding through the input
resistors of the “off” summing amplifier and affecting the
channel gain of the “on” summing amplifier. The ground-
out switch also prevents changes in channel gain from oc-
curring if one of the summing amplifiers can not be turned
off due to a failure in the power switch. The ground-out
switches are activated by a 29-volt signal from the trans-
mitters.
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Figure 53. Central signal processer bleck diagram (anelog circuits)

The subcarrier oscillator bypass gate has been added
since the last report. The b, pass gate allows the tele-
vision frame identification signal from the A-D converter
to frequency modulate the transmitter directly. The by-
pass gate is closed by an enable pulse generated in the
TV auxiliary.

b. Engineering signal processor. A preliminary circuit
release has been made for the engineering signal proc-
essor. A breadboard has been constructed and success-
fully tested. The breadboard incorporated the complete
logic, electronic commutators, and a special commutator
for the measurement of temperature. The engineering
signal processor breadboard was then successfully inte-
grated with a breadboard of the A-D converter. A re-
cording of the output of the A-D converter was made
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to examine the various commutated inputs, and the
desired accuracy was found to have been achieved.

c. Temperature measurement using resistive sensors.
Temperature measurements in Surveyor will be accom-
plished by resistive temperature measuring sensors. The
block diagram of the temperature measuring system is
shown in Figure 55. The resistive sensors are excited
from a constant current generator. An electronic com-
mutator sequentially connects the constant current gen-
erator and the analog-to-digital converter to the various
sensor resistors. Each position on the commutator con-
tains two solid-state switches, labeled a and b. Switch a
connects the constant current generator to the sensor
resistor while Switch b connects the A-D converter to
the sensor resistor. Switch b could be eliminated if the
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Figure 55. Temperature measuring system

A-D converter were connected directly to the output of
the constant current generator. However, the offset
voltage in Switch a has a relatively large variation since
it must carry the sensor current. The variation is greater
than the allowable reading error and this is intolerable.
The current through Switch b is very small and there-
fore a much more accurate offset voltage can be main-
tained. The constant current generator maintains the
sensor resistor common connection at a virtual dc ground
(Point b). The reference resistor is connected from this
virtual ground to a very stable negative voltage (Point
c). The current flowing through the selected sensor
resistor must pass through the reference resistor except
for a very small percentage that flows into the high
impedance differential amplifier. Therefore, a constant
current can be supplied through the selected sensor re-
sistor even if the closing of Switches a and/or b add or
subtract current from the output of the differential
amplifier.

Constant current generator. A constant current gen-
erator has been designed and tested that maintains the
current constant to better than + 0.1% for resistive loads
between 0 and 2000 ohms and over a temperature range
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of —20 to 55°C. The nominal current is 2.5 milli-
amperes. The schematic diagram of the constant current
generat r is shown in Figure 58. The circuit maintains
a constant current through the very stable reference re-
sistor R11. A reference zener diode CR1 maintains a
constant negative voltage at one end of R11. The volt-
age at the other end of R11 is maintained at zero volts
by means of a five-transistor (Q1 through Q5) differen-
tial input amplifier. The input current to the amplifier
causes less than =+ 0.02% error in the current through
R1l. The current through the reference zener diode is
controlled by a three-transistor (Q8, Q7, Q8) regulator
circuit, This is necessary to maintain the required accur-
acy of the zener voltage.

6. Command Decoding

a. Central command decoder. In addition to minor
changes in several other circuits, the receiver-decoder
selector circuitry and the flip-flop circuit of the cental
command decoder have been modified. A decision has
also been made to include the basic bus subsystem de-
coders in the central decoder unit along with the re-
dundant central command decoders and the receiver

CONFIDENTIAL



CONFIDENTIAL

29v

‘% Qs

Q4

|

Q6

Q7

——
—u

13y

Figure 56. Constant current generator

RECEIVER
1

p——oSELECT

@ TOSENSOR RESISTOR
COMMUTATOR

2
@ a}-{ COMMON FROM
SENSOR RESISTORS

T0 BOTH
CENTRAL
RECEIVER COMMAND
2 DECODENS
SELECT
b — — !
FLIP- = FLIP- !
FLOP FLOP |
| ] 2
L _ _ COUNTER } — oentaa
COMMAND
— oo,
SELECT
LECTRICAL
CONVERSION| _ SENISAL
. MMAN
RECEIVER NDEX UNIT °|"'V5"r DECODER ¢
L
CENTRAL
COMMAND
DECODER 2
j)j F SELECT
LECTRICAL] 10
CONVERSION|_, SENTRAL
RECEIVER 2 INDEX UNIT Dg'VER DECODER 2
Figure 57. Receiver-decoder selector
CONFIDENTIAL

JPL SPACE PROGRAMS SUMMARY NO. 37-13

decoder selector. Four subsystem decoders are included
for the basic bus commands, excluding the flight control
commands. The latter are handled by a flight control
decoder in the flight control electronics unit.

A block diagram of the receiver-decoder selector is
shown in Figure 57. The receiver-decoder selector de-
termines which central command decoder and which
receiver will be used. Which of the four possible com-
binations of central command decoder and receiver is
used is remembered by a two-stage counter which is
stepped each time transmission is terminated.

The index circuits consist of a resistor-capacitor net-
work, a threshold recognizing circuit, and an amplifier.
Transmission from the ground causes the index, after
a short delay necessary to reject noise bursts, to put out
a signal which turns on one of the electrical conversion
unit drivers, which turns on the corresponding central
command decoder. Flip-flop No. 2 of the counter de-
termines which central command decoder is turned on.
When transmission ceases, after a short delay, the index
signal which operates the electrical conversion unit
drivers turns off, resulting in changing the state of flip-
flop No. 1 of the counter. Flip-flop No. 1 determines, by
use of gating in each central command decoder, which
receiver output will be used by the selected central
command decoder. The state (off or on) of one central
command decoder is telemetered via a yes/no commu-
tator in the engineering signal processor. Since the se-
quence of the counter states is known, this signal is
adequate to inform ground operators which receiver
and which central command decoder are selected.

The central decoder unit flip-flop (and the central
signal processor flip-flop) have been changed by the
addition of four components to each flip-flop to reduce
noise sensitivity and to allow simplification of the clock
pulse circuitry. This added noise tolerance is of impor-
tance due to the low power level of the circuitry.

The old circuit is shown in Figure 58a. A sawtooth
clock pulse was required. The new circuit, shown in
Figure 58b, requires a simple rectangular clock pulse.
More important, noise tolerance is greatly improved.
The anti-noise bias, of approximately 1-volt amplitude,
back biases the diodes connected to the transistor bases
to protect against false triggering of the flip-flop by stray
pulses on both the R and §S input lines and on ground.

Modules for 60% of the command decoding circuitry
have been designed. Six printed circuit boards will be
used to mount approximately 68 modules, the number
estimated for the command decoder unit.
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Circuits have been assigned to modules, and a scratch
pad “module-placement™ layout is being drawn. The
objectives of this layout are to minimize interconnections
on and between cards and to uniformly place high-
power-dissipating modules.

b. Flight control decoder and programmer,

Logic and organization. The flight control decoder
and programmer (Fig 59) receives inputs from
the flight control subsystem and from
the flight control command decoder. Outputs from the
programmer are used to control and actuate devices
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Figure 58. Central decoder unit flip-flops
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which effect initiation of the flight control action, angle
maneuvers, mid-course velocity correction, and opera-
tions affecting final descent.

Preliminary logic equations for the programmer were
released November 6, 1961. A block diagram of this
design is given in Figure 60. The programmer in this
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Figure 59. Flight control decoder and programmer
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design is essentially a timing device operating in three
modes according to signals from the flight control de-
coder and from the flight control system. The three
modes are: (1) auto-external; (2) auto-internal; and
(3) manual. In the auto-external mode, the time delays
are automatically generated (after an appropriate “start”
signal) according to magnitude bits generated exter-
nally on the ground and transmitted through the central
command decoder. In the auto-internal mode, the time
delays are generated automatically from magnitude bits
generated by an internal number generator whose logic
is wired to deliver preset magnitudes. In the manual
mode the time delays are completely subservient to the
start and stop commands generated at the ground sta-
tion. In this mode, the time interval is defined by the
interval between the start and stop signals.

The logic equations in this design call for 32 (reset-
set) (R-S) flip-flops, 20 logic amplifiers, 15 output ampli-
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Figure 60. Flight control programmer
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fiers, seven inverters, two clock pulse systems, one refer-
ence oscillator, and a set of countdown scalers. The need
for two clock systems arose due to the asynchronous
relation between the reference oscillator clock and the
timing of signals originating in the command decoder.
It was suggested that dc coupled flip-lops might be
used to avoid a two-clock system. This technique was
unable to solve the problem of resetting several flip-
flops with the same pulse without a substantial increase
in the number of flip-flops. The problem of synchroniza-
tion was settled by using a gate-controlled relaxation
oscillator driving a standard clock pulse output circuit.
These clock pulses (called MCP) are produced when-
ever appropriate command pulses are present. The tim-
ing oscillator feeds scalers having two output frequen-
cies, each of which is gate selectable and is capable ot
driving standard clock circuits. These circuits produce
the timing clock pulses (TCP). The technique used
here, of operating two sets of flip-flops each having sep-
arate clock timing, makes use of a single standard R-S

flip-flop type.

Oscillator circuit design. The long-term stability re-
quirements of the frequency source circuits dictated the
use of a resonator (crystal or tuning fork) to maintain
the desired frequencies. An examination of crystals and
tuning forks showed that, because of weight and rela-
tive insensitivity to mechanical vibration, the use of
crystals would give superior performance. Crystals with
a resonant mode below 10 ke have masses so large
that their supporting leads do not stand up under
mechanical vibration. Therefore, a decision was made
to operate at a frequency of 12.8 ke and count down
to the desired frequencies. Crystals of this fre-
quency were purchased from two recommended vendors
and were subjected to evaluation tests at environmental
extremes. The results of these tests showed that excellent
crystals could be purchased at this frequency. The fre-
quency stability will be better than the 0.02% short term
and the 0.1% long term stabilities required.

A study of single-transistor crystal oscillator circuits
showed that the reactive elements required became ex-
cessively large and heavy. Therefore, a decision was
made to use the circuit shown in Figure 61. Transistors
Q1 and Q3 and associated biasing resistors form a two-
stage amplifier. Prsitive feedback from the collector cir-
cuit of Q3 to the  .se of QI is provided by the crystal.
The tank circuit attached to the collector of Q3 enables
the circuit to be tuned to the exact frequency desired.
Q4 and associated components form a buffer amplifier.
Q1, Q3 and Q4 all operate Class A. Capacitor C8, Re-
sistors R4 and R9, Diode CR1, and TransistorQ2 are
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an AGC network which insures this Class A operation.
Transistors Q5 and Q8 form a Schmitt trigger which
shapes the sine wave output of Q4 into a square wave
which is the input to the countdown stages.

In order to minimize the oscillator dissipation and
provide an optimum design, a computer routine for use
on the IBM 7090 has been written. Checkout and de-
bugging of this routine is 80% complete.

Final design and checkout has been completed for the
countdown stages. The 400-cps three-phase voltage re-
quiretnent by inertial guidance components is derived
from the same countdown circuits. Addition of one
countdown stage provides a second 400-cps signal, 90
degrees out of phase with the first. The two 400-cps sig-
nals are used to generate the three-phase voltages.

Preliminary circuit development of the other pro-
grammer circuits is being carried out, and a preliminary
circuit release will be made on or about December 15,
1961.

Breadboards. Three breadboards are currently being
designed and constructed for flight control subsystem
evaluation: (1) a 400-cps synchronization pulse gener-

cuitry to provide the two-phase 400-cps outputs; (2) a
central command decoder simulator; (3) a complete
breadboard of the programmer ( which includes the 400-
cps synchronization pulse generator) and a second cen-
tral command decoder simulator.

Figure 62. Transmitter power amplifier and

ator which includes an oscillator and countdown cir- low pewer multiplier
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Figure 61. Flight control - “.ator
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7. Transmitter

Integration of the second set of development bread-
boards has been completed and temperature tests are
now being made. Construction of the third breadboard
model has begun in cooperation with the product en-
gineer. The transmitter power amplifier and low-power
multiplier, shown in Figure 62, is in the intended pro-
duction configuration. Tests performed on it will re-
veal if any spurious effects can be expected as a result
of the productized packaging.

a. Exciter. A block diagram of the transmitter exciter
circuit is shown in Figure 63. Changes in this block dia-
gram since the last report have occurred during develop-
ment of the second exciter breadboard. The voltage
controlled crystal oscillator (VCXO) signal now is fed
through the phase modulator so that phase modulation
can be used with the VCXO as a signal source. Resistive
summing points are used wherever two RF signal sources
join. This is necessary to achiceve isolation from one sig-
nal source to the other. Since only one RF source will
be on at any given time, mixing does not occur at the
RF summing points. Amplifiers have been added to re-
store the output power level to 10 milliwatts to drive
the transistor power amplifier.

Initial temperature tests have shown excessive fre-
quency drift of the VCO and the VCXO over the oper-

ating temperature range, These circuits are being
redesigned to achieve the required frequency stability.

b. Transistor power amplifier. The transistor power
amplifier in the scecond breadboard model consists of
two stages using 2N707A transistors and an output stage
using a TA2084 transistor. Each stage operates Class C
with the first stage saturated for power limiting.

¢. Transmitter multiplier chain (lumped parameter).
A varactor frequency quadrupler was built but never
completely optimized. The circuit appeared quite critical
and difficult to time. Two push-pull varactor doublers
are being used to achieve higher efficiency and better
filtering than the quadrupler could produce. Alignment
requirements of the doublers have been reduced to one
tuning capacitor per doubler.

d. Final development breadboards. Component layout
for the final development breadboard model viill be the
same as the initial product version. This is being done
to ensure satisfactory circuit operation in its final con-
fignration. Fabrication of the final development bread-
board model has begun under the joint direction of the
development engineer and the product engineer.

e. X6 multiplier. Amplitude variation of power from
the X3, X2 frequency multipliers was measured in a
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Figure 63. Transmitter exciter
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temperature range from 0 to 125°F. The resultant
curve, which varied 025 and - 1.0 db from a
nominal value at 70*F, is shown in Figure 64.
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Figure 64. X6 multiplier power output vs temperature

The entire chain was again joined after redesign of
the lower stages and the spurious lines previously seen
at 96 and 192 mc from the central frequency were
found to be suppressed 30 and 37 db below
the desired frequency. This suppression is sufficient for
proper operation of the transmitter and receiver in all
modes.

The transmitter salid-state chain is required to func-
tion into each of several different types of loads. Although

AL,
‘oo

18y

JHE
THEE G

each load has an impedance close to 50 ohms at the
transmitter frequency, the impedance curves across the
spectrum have entirely dissimilar characteristics. A res-
onant line is now being added to the output doubler so
that the diode sces the different loads through a narrow
passband. In this way the loads will appear to be uniform.

f.- TWT amplifier. The first few 10-watt tubes showed
a degeneration with age. This has been traced to a de-
terioration of the attenuating material, which is sprayed
on the helix supporting rods. The condition was cor-
rected by using a pyrolytically deposited film of alumina.
The tube is emitting 11 to 12 watts with 20% efficiency
with no sign of change such as that observed in the
previous tubes.

8. Command Receiver-Transponder
Interconnections

The command receiver is a double conversion FM
receiver. It must operate continuously throughout the
life of the spacecraft. Reliability and power efficiency
are the important factors in the design of the receiver
since available power is severely limited.

The receiver also is able to operate in a phase-locked
mode by energizing the transponder interconnection cir-
cuit. The reason for not operating as a phase-tracking
receiver all the time is that the phase-locked mode re-
quires significantly more power than the frequency
tracking mode. Basically, the recciver has not changed

Figure 65. Subcarrier discriminator
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much from that described in the previous progress re-
port (SPS 37-12) and the block diagram remains valid.

a. Breadboard receiver-transponder interconnection
system. Integration of the receiver-transponder intercon-
nection system has been completed. All of the receiver
and transponder interconnection circuits are operating
satisfactorily and quantitative tests of the receiver per-
formance are in progress. Spurious responses and inter-
fering signals have been reduced to a tolerable level. All
interfering signals are down to at least — 140 dbm. The
interfering signal that caused the most trouble was the
fifth harmonic of the frequency divider output signal
which reflected back through the divider and caused
modulation of the voltage-controlled oscillator. The
interfering signals were reduced to a tolerable level by
adding power supply decoupling, circuit isolation, and
RF shielding.

b. Local oscillator. The second version of the local
oscillator discussed in detail in Reference 1 has been in-
corporated into the receiver breadboard system. Opera-
tion of this local oscillator with the rest of the recciver
was satisfactory. The output power is 1.5 milliwatts
and all undesired sidebands were down by at least 30
db from the centerline.

¢. 23-kilocycle subcarrier discriminator. A different
subcarrier discriminator from that shown it the previous
report has been incorporated into the receiver bread-
board system. A schematic diagram of the subcarrier
discriminator is shown in Figure 65. The discriminator
consists of a tuned amplifier stage, two tuned detectors,
summing network, and an output filter. One of the tined
detectors is a positive peak detector and is tuned above
the center frequency, and the other is a negative peak
detector and is tunced below the center frequency. The
detector output signals are added together and filtered
in the summing network. The series resonant circuit at
the output rejects the 23.ke subcarrier signal.
Figure 66 shows the output characteristics of the sub-
carrier discriminator circuit.

d. IF input stage. The 47-me input stage has been
redesigned to improve the noise figure. A schematic
of the input stage is shown in Figure 67. A noisce figure
of 4 db was measured with this amplifier as com-
pared with the 8.5-db noise figure of the previons input
stage.

¢. Breadboard construction. A different type of bread-

board construction was used for the sccond receiver
breadboard. This type construction was used in order to
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Figure 66. Subcarrier discriminator output
characteristics

make the breadboard more compatible with the final
packaged version, Also, this type of construction will
provide much better RF shielding. The second receiver
breadboard is shown in Figure 68. All of the RF circuitry
is contained on the six “T” chassis. The subcarrier and
clectrical conversion unit will be constructed on a
printed circuit which will be inserted into one end of
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Figure 67. IF input circuit
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the recciver package. The X6 cavity and RF mixer will
be located at the other end of the receiver box.

f. X6 multiplier. A X8 cavity multiplicr was subjected
to a temperature variation from 0 to 125°F and the
measured power output for a constant input is shown
in Figure 69,

Figure 68. Second receiver breadboard
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Figure 69. X6 cavity multiplier
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Vibration tests on one model indicated a possible
phase shift problem, Additional models will be tested
to discover if the problem is inherent in the cavity or
associated with the fabrication method.

g. Mixer. A lightweight mixer has been purchased
from SAGE and initial noise figure measurements indi-
cate that the noise figure is at the specified value; that
is. less than 7.0 db if operated with a 1.50-db IF strip.

9. RF Switch

A latching transfer switch has been developed by
Transco. After one million operations the switch was
disassembled and there was no evidence of wear. A dc
latching switch has been tested at 2295 me and
found to function with minor impedance matching. The
switch, which weighs 0.8 ounce, has an inherent loss of
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Figure 70. Electrical characteristics of diplexer
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04 db. The manufacturer is being contacted to see
if a different potting material and simple shielding could
be incorporated to diminish the loss.

10. Diplexer

The RANTEC diplexer procured for engineering eval-
uation was delivered on schedule and the measured
electrical characteristics, shown in Figure 70, surpassed
the purchase order requirements described in Reference
1. The weight was 10 ounces instead of the 13 ounces
originally estimated. No phase shift was discernible
when the diplexer was subjected to sinusoidal vibration
from 0 to 2000 cps with an 8.5 + 1 g (peak to peak). The
limitation of the measurement device was 0.25 degree.

11. Television

a. Sweep synchronization and blanking circuits, tem-
perature testing. A series of temperature tests were made
on the normal mode circuits. Performance was well in-
side specification limits on most circuits over the tem-
perature range of 20 to 1680'F. Outputs remain-
ing within limits were as follows:

Horizontal frequency.

Horizon:al amplitude.

Horizontal camera blanking pulse width,
Horizontal system blanking pulse width.
Vertical frequency,

Vertical blanking pulse width,

All blanking and synchronization pulse amplitudes re-
main well within = 5%.

The anomalies observed were small. Vertical sweep
yoke current exceeded specification limits at +160°F
by 1.7% and horizontal synchronization pulse width ex-
ceeded specification limits by 1.2% at — 20°F. Mil-Spec
Characteristics B ( 250 ppm/°*C) resistors were used in
constructing the breadboard circuitry, but Characteristic
C (+25 ppm/°C) resistors are being specified for all
critical applications in the prototype models. It is ex-
pected that this change will eliminate the minor difficul-
ties noted. Further temperature testing will be done when
these components are availablc.

b. Video logic circuit. The video logic circuitry has
been modified to provide several new outputs, A “trans-
mitter off” output has been added which will turn off
the high-power transmitter at the conclusion of cach
bundle of TV data, thus providing a power saving. A
“frame identification enable” gate is also provided to
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the signal processor which allows several frame identifi-
cation groups to be transr.itted at the end of video
transmission. Frame identification had previously been
transmitted continuously during absence of picture
video, thus taking full advantage of the continuous
transmitter “on” condition. Finally, a “shutter reset” pulse
was provided which adds very little complexity to the
video logic but greatly reduces the complexity of the
shutter control circuit. The video logic block diagram
and timing sequence are shown in Figure 71 and the
schematic is shown in Figure 72.

¢. Lens control circuits. Figure 73 presents the latest
block diagram for the lens control circuits, excluding
iris control. The system features a central control logic
of the type described in the previous report. Use of one
central logic circuit for focus, focal length, and filter
position control rather than individual circuits provides
a saving of at least 12 transistors. The system shown has
been breadboarded and is presently being tested.
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Figure 71. Video logic block and timing sequence
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d. Shutter control logic and driver. The shutter con-
trol logic and driver circuit has been developed as shown
in Figure 74. A photograph of the breadboard
is illustrated in Figure 75. The circuitry (Fig
76) consists of four power switches (drivers),
a monostable multivibrator to provide shutter timing,
a bistable multivibrator, and inhibit gates.

The shutter trigger signal, a 200-millisecond-wide
pulse from the video logic circuit is gated and fed to
the No. 3 driver and the shutter timing circuit. The out-
put of the timing circuit simultaneously energizes the
No. 4 driver and inhibits the No. 3 driver for a duration
of 150 milliseconds. No. 4 driver opens the shutter. At
the end of this 150-millisecond period, driver No. 4 is
de-energized and the inhibition signal is removed from
driver No. 8, allowing it to close the shutter.

The shutter mechanism must be reset before another
signa! s applied to the timing circuit. The reset signal,
which is the second vertical blanking signal, is applied
to the No. 2 driver circuit to reset the shutter blades and
complete the shutter cycle.

A second mode of operation, known as the time ex-
posure mode, may also be used. In this mode of opera-
tion, the shutter can be commanded to remain in the
open position. Time exposure on/off commands select
the state of a bistable multivibrator. In the open shutter
state, the bistable multivibrator inhibits the shutter trig-
ger signal at gates No. 1 and 2. Shutter trigger signals
pass through the “and” gates and energize drivers No. 1
and 4 to open the shutter. Between shutter triggers the
shutter is latched. Normal operation returns when the
bistable multivibrator is returned to the “off” state.

¢. Vidicon thermal control. The vidicon thermal con-
trol circuit is designed to control the temperature of the
faceplate of the television vidicon tube to 30 +5°C
over the ambient case temperature range of —20 to
125°F. Because of possible picture anomalies intro-
duced by the control system, heating or cooling power
will be applied only during a 1.4-second period following
picture readout during each picture frame. However,
during the initial cooling process, the regulator will op-
erate continuously.
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Figure 72. Video logic schematic
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Figure 73. Lens control circuit
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The present system is illustrated in the block diagram
of Figure 77. Upon receipt of a “start vidicon thermal
control” command, input power is applied to the control
circuitry through a switch. This causes the regulator to
start functioning. A planar-type diode is being employed
as a temperature sensor. This device has a repeatable
and consistent change of forward voltage-temperature
characteristic of —1.8 millivolt/*C.

The output of the temperature sensor is amplified by
the differential amplifier. The heating and cooling sens-
ing circuits are threshold detectors which are biased to
allow a dead zone between the active heating and cool-
ing temperature regions. A temperature rise causes turn-
on of the electrical conversion unit (ECU) which is a
simple transformer coupled dc to dc converter which
supplies current at 4 volts dc to the Peltier cooler.
The Peltier cooler transfers heat from a collar around the
vidicon tube to the case of the TV camera, thereby cool-
ing the vidi:on faceplate.

A temperature drop turns on heater power. The heater
circuitry is cross-coupled to the ECU-off gate to ensure
that the cooler is turned off whenever the heater is on.
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Figure 75. Shutter contrel breadbeard

An inhibit gate turns off the heating and cooling during
the video transmission period and during the second
erase or vidicon priming peré- 1 to prevent possible inter-
ference with the television picture quality.

A breadboard model of the vidicon thermal control
including Peltier device and excepting the inhibit cir-
cuitry has been built and preliminary tests have been
made. The breadboards are shown in Figure 78.

Present efforts are being directed toward optimization
of the servo loop circuitry. The inhibit gating circuitry
is being built, and upon completion of the breadboard,
tests will be conducted to determine the feasibility of
mounting the sensing 'iode directly on the vidicon face
plate.

12. Packaging Concept

a. Unit installation. The units in Compartments A, B,
and C will be bolted to a mounting plate within the
compartments. Unit connectors will be accessible for
harness connector attachment when the units are mount-
ed in the compartment. Standardization of connectors,
chassis, and other parts of units will exist where possible.
The units will consist basically of a supporting frame.
work, chassis, connectors, and special components no:
suitable for chassis mounting. The units will not have
covers except where shielding is required.

The flight control electronic unit will be attached to
a T-section frame which is part of the spacecraft struc-
turc. The front surface of the unit is a thermal radiator;
heat gencrated within the unit is radiated from this
surface. The other sides of the unit will be covered with
a low-cmissivity material to thermally isolate the flight
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Figure 76. Shutter control and driver circuit schematic

control electronic unit from other parts of the spacecraft.
The chassis within the unit will be attached to the unit
frame and to the radiator.

The altitude marking radar is mounted on the exhaust
end of the retrorocket nozzle. It consists of radar clec-
tronics rigidly mounted to a 15-inch-diameter platform
which is the rear surface of a 30-inch-diameter antenna

dish.

b. Chassis construction, Surveyor chassis are similar
to those used in Hughes Aircraft Company missile re-
ceiver units. Typical chassis construction is shown in
Figure 79. The modules mounted on chassis will be
considered as individual components on the chassis, that
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is, removable and disposable in case of failure. Compo-
nents are generally bonded to the plate and board sides.

The foam-sandwich-type chassis consists of a thin
aluminum plate and a 0.032-inch epoxy glass etched-
circuit board bonded to either side of a 0.1- to 0.125-inch
sheet of polyurethane or epoxy foam. The chassis will
be assembled by installing the board side components,
bonding this board assembly and the chassis plate to
cither side of the sheet foam, and finally installing the
plate side components.

The foam-sandwich type of construction using foam
with a weight of 8 Ih/ft* and a plate thickness of 0.030
inch will weigh approximately 0.0085 1b/in®. In many
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Figure 77. Vidicon thermal control

cases the thermal requirements permit th. plate thick-
ness to be reduced to 0.010 inch with the foam construc-
tion, yielding a weight of 0.0045 Ib/in?. There will be
no restrictions to component layout due to stiffeners and
board-to-plate ties. Fabrication and assembly time re-
quired to produce a complete chassis should be minimal.

The heat transfer path within the chassis is from com-
ponents to the aluminum chassis plate. Plate-side compo-
nents are mounted directly on the aluminum plate and
good thermal tie is provided by the component mounting
device. Most components will be attached by epoxy fil-
lets, but provision w#'l exist for clips, brackets, studs, and
bolts for components requiring special mounting. Most
components dissipating a significant amount of heat will
be located on the plate side of the chassis. Board-side
components will be attached with epoxy fillets. Heat
transfer between board and plate will occur principally
through copper leads. Another path for heat from board-
side components will be by radiation between a chassis
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board and the plate of an adjacent chassis. The degree
of thermal conductance required between the chassis
plate and the mounting surface depends on the dissi-
pation. Aluminum extrusion angle brackets may be used
to provide heat paths between chassis and the heat sink.
In Compartments A, B, and C the heat sink is the com-
partment surface to which units are mounted.

The same etched-board fabrication techniques will be
used that have worked so successfully on Falcon missile
chassis. The fabrication of chassis plates will be simplified
considerably over missile chassis plates by the elimina-
tion of stiffcners and clips.

c. Module construction. Components are intercon-
nected within modules by soldering the leads to circuit
lines on 0.032 inch thick, epoxy-glass circuit boards con-
taining circuitry on one side only. The modules have a
height limitation of 0.5 inch, with lateral dimensions
between 1.0 and 1.5 inches. The height is governed by

CONFIDENTIAL



CONFIDENTIAL

/.

& PELTIER OEVICE ANO ELECTRICAL CONVERSION UNIT

b. CONTROL CIRCUITS

Figure 78. Vidicon thermal
control breadboards

the maximum length (0.3 inch) of the high-usage com-
ponents, i.e., glass jacket diodes and metal film resistors.
The module height is made up as follows:

Mavimum length of cordwise mounted

components . in, 0.300
Spacing hetween ends of masimum length
components and etehed cireuit
boards | in. 0.076
Two etehed cirenit boards | in. 0061
Solder balls cach side in 0.050
Outer coating cach side . 0.010
Total . m. 0.500
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Figure 79. Typical chassis and module
cross section

Other components are oriented as shown in Figures 80
and S1; c.o., transistors with leads exiting from one side
and long components are mounted parallel to the etched-
circuit boards. To minimize the weight of the module a
“treeze coat” resin application or a foam encapsulant will
be utilized. The “freeze coat” consists of thin webs (rather
than a solid encapsulant) of resin between components
to provide the necessary mechanical support.

Leads exit the modules in groups, in a close-spaced
pattern. The grouping of leads will minimize the number
of size of cutouts in the metal plate and also vield the
minimum restriction on hoard-side-mounted components.
Components will not he mounted over module leads to
maintain access to the leads for module removal.

The module leads are soldered into plated-through
holes in the chassis master etehed-circuit board. A “solder-
1 developed for readily un-
soldering individual module teads, An alternate procedure
employs drawing of the solder out of the joint by capil-
lary action onta a heater flux braid. The modules are
tastened to the plate by resin bonding, possibly using a

sucking” procedure has

tape. Most chassis will contain both modules and indi-
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vidual components. In areas such as command decoding
where practically all chassis components will be modules
there will probably not be any board-mounted compo-
nents. The numerous restrictions imposed by module
removal make the use of the board side rather incfficient
in such cases.

Figure 80. Component orientation, fop view

il

#i

Figure 81. Component orientation, side view

d. Circuit grouping and arrangement. Where possible
all components within a given unit will be grouped ac-
cording to function. Similar circenits and/or entire func-
tions will be placed on a common chassis or module.
Redundant circuits, such as in the command decoding
function, will be used in several different units or control
items. The use of identical modules throughout the space-
craft system greatly facilitates the drafting and fabrica-
tion effort.

The type of packaging to be employed is also dictated
by the type of circuits involved. In the case of flight
contro} servos, it is anticipated that a large number of
large components will be required, thus requiring the
components to be individually mounted on chassis with
only a small percentage of circuits permitting modular
type of construction. On the other extreme, signal pro-
gramming and decoding functions permit the use of small
‘components whercin the majority of the functions will
be packaged in modular construction.

Component layout is also dictated by the nature of
the circuit. Flight control circuits as well as most of the
decoding circuits, for instance, do not require a great
deal of shielding. Therefore “open” chassis or modular
construction can be employed. On the other extreme,
however, are such units as the command receiver and
transponder and the transmitter. For these units, shielded
chassis type of construction will be employed.

As previously stated, it is believed that in most cases
the modular type of construction will not require shield-
ing. In those cases where shielding is required, a shield
“coating” will be applied to the external surface of the
module.

e. RF packaging concept. The concept for packaging
the lumped constant RF circuits has been established. A
10-mil aluminum T-bar will be used, similar to that em-
ployed in JPL designs. RF circuits occupying one side of
the T will be decoupled with feedthrough filters from the
de circuits occupying the other side of the T which in
turn will be decoupled from the de input leads. The T-bar
will be enclosed by a 10-mil aluminum housing; the en-
tire unused volume will be filled with foam and the base
of the T-bar soldered to the enclosing housing. All tun-
able components will be accessible through the base of
the T-bar to allow external tuning. Dry micro-balloons
called “Eccospheres,” which have the same dielectric
constant as the polyurethane foam, will be used to test
the effect of foaming on the prototype units while main-
taining the ability to change components. This packaging
concept is believed to satisfy the requirements of mini-
mum weight while still meeting all spacecraft functional
and environmental requirements. RF circuits using these
packaging concepts have been emploved in other Hughes
Aircraft Company programs.

f. Environmental design. The cquipment is designed
to meet levels of shock and vibration which are based on
Type Approval Test requirements. Levels are specified
for chassis and components as well as for control items
so that the ability to meet Type Approval Test require-
ments may be establish 7 for subassemblies prior to
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testing the entire control item. The estimates are based
on inputs to the rocket engine; certain transfer character-
istics were assumed for the spaceframe structure and the
unit structure. The vibration levels for assemblies such
as those on the rear of the slititude marking radar dish,
traveling-wave tubes, vidicon tubes, cte. must be deter-
mined on an individual basis,

g. Component selection. Issue 11 of the “Preferred
Parts List for Surceyor” handbook has been issued by the
omponents and Materials Laboratory. The handbook
has been reviewed by Product Engineering. Evaluation
requests are being issued for special parts, such as chop-
per amplifiers, and those types of semiconductors which
were not included in the handhook.

h. Test programs. A number of thermal, vibration, de-
flection, and other structural tests will be performed on
the foam-sandwich chassis. Several vibration tests have
been performed on prototype altitude marking antenna
dishes. The dish design has been modified as a result of
these tests to arrive at a minimum weight design with
satisfactory  structural  requirements.  Developmental
structural tests will be performed on a prototype flight
control unit and a prototype altitude marking radar.

Thermal tests will be conducted on chassis and other
parts of units to obtain accurate thermatl resistance values
for use in computer studies. Computer studies are being
utilized to predict component, chassis, and unit tempera-
tures and to evaluate the adequacy of thermal design,

i. General project status.

(1) Outline and mounting  drawings: Outline and
mounting sketches have been issued for all control
items other than those located in Compartiment €
which are presently under consideration. Final
outline and mounting drawings, including weight,
volume, center-of-gravity, and connector type and
Jocation, will be issued late in December.,

(2) Breadboard status: | .oduct engineers are cooper-
ating with the circuit engineers in the fabrication
of final breadboards. Final breadboards for the
transmitter and the receiver and  transponder
lumped  constant RE cirenits are progressing,
These breadboards approach the final productized
design as much as feasible. “Productized™ bread-
boards for other control items are slower in being
realized.

(3) Drafting status: Lavout drafting has started on
the flight control clectronics unit and will begin in
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the immediate future on the transmitter. Layout
drafting will begin on the remaining control items
as the circuit designs firm up.,

13. Radars

a. Altitude marking radar. All breadboard units for the
altitude marking radar have been assembled into a single
package and mounted on the rear surface of the antenna,
This equipment is shown in Figure 82, The components
shown include the following: solid-state local oscillator,

Figure 82. Altitude marking radar ontenna, rear view
‘ ’

Figure 83. Altitude marking radar antenna, front view
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upper left; IF amplifier, center left; RF unit, center right;
synchronizer and video processing circuitry, lower left;
and solid-state magnetron modulator, lower right. All
elements of this breadboard are functioning and quanti-
tative tests are being conducted in one of the roofhouses,
Relative dimensions of the various components can be
obtained with respect to the section of antenna shown;
the diameter between mounting tabs is 24 inches. Figure
83 shows the reverse side of the complete 30-inch dish
with breadboard feed attached.

Product engincering on the breadboard units shown
will have considerable effect with respect to volume and
weight. A revised solid-state local oscillator breadboard
more nearly approaching the final circuitry and package
has been vonstructed and is in unit test. The X1€ multi-
plier is shown in Figure 84. This component will replace

Figure 84. Frequency multiplier

all the wavegnide and stub tuner components shown in
Figure 82 which connect the Tumped constant maltiplier
section (in the upper black box) to the miver (directly
at the right of the 1F amplifier). The remainder of the
revised local oscillator is packaged in a space slightly
smaller than the upper of the two boxes now used,

The IF amplifier will be packaged approzimately as
shown in Figure 83 included in this package are the
AGC amplifier and video cirenitry, Other major packag-
ing changes between the present breadboard and final
unit, aside from modular packaging of the ssnchronizer

120

Figure 85. IF amplifier

and video circuitry, will be made in reducing flanges on
the RE components and chemical milling of the feed.

Performance and environmental tests on the second set
of breadboard units are being conducted on a unit basis
simultancously with the integration and test of the first
breadboards as a svstem. The results of some of these
tests on the X16 multiplier include the following: the
spurious response due to the 15th and 17th harmonics
and other harmonics are greater than 24 db below
the desired 16th harmonic. Sinee an AFC is not emploved,
the only restraint on harmonies is due to cfficieney or
interference. A graph of the X16 multiplier output power
versus anput power at 352 me is shown in Figure
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86. The minimum power output of the lumped constant
section will be 330 milliwatts at 582 mc. Noise
figure corresponding to this value was given in the pre-
vious report. The bandwidth of the X168 multiplier is
shown in Figure 87. Nominal 3-db bandwidth at
70°F is 41 me. Temperature tests were also con-
ducted on this multiplier; Figure 88 shows the results of
power output measurements versus temperature. The
data given are for a constant input at 582 mc. The
bandwidth increases to 52 mc and center frequency
decreases by approximately 5 mc between 70 and
—40°F.
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Figure 86. Multiplier output power vs input power
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Figure 87. Multiplier bandwidth

A block diagram of the altitude marking radar syn-
chronizer is given in Figure 89. The purpose of this cir-
cuitry is to generate the basic 350-pps repetition rate of
the transmitted pulse and the precision delays for altitude
marking. Two delayed range gates and one AGC gate are
generated by this circuitry. The delayed gates correspond
to 60 and 61 miles. A trigger to the solid-state magnetron
modulator is also formed in the synchronizer. A sampled
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Figure 88. Multiplier power output vs temperature

output from the modulator triggers the delay generators
to account for delays in pulsing of the magnetron for the
60-mile range measurement. The 1 to 60-mile AGC gate
permits AGC control on noise only for low-level detec-
tion. The noise input to the video processor integrators is
thus made independent of gain variation in the IF ampli-
fier for low signal levels.

Measurement of the change in delay of the 60-mile
range gate versus temperature changes from a nominal
test temperature to expected temperature at lunar ap-
proach shows less than a +0.08-mile change.

The video processor block diagram is shown in Figure
90. The video output from the IF amplifier is gated in
the video processor and integrated to determine the pres-
ence of signal. Two channels of integration are provided,
one each for 60- and 61-mile delays. If the threshold in
the 61-mile channel is exceeded, and acceptance gate
arms the firing circuit at the time the lunar return will
be in the 60-mile gate. This dual-channel circuitry pro-
hibits firing on an isolated noise burst. Arming of the
firing circuit is also restrained by the absence of an en-
abling signal from command. The radar is turned on
prior to this signal to permit warmup; however, marking
is not possible until the enable signal is received. Mark-
ing on a second-go-around of the lunar signal is thus pro-
hibited. The reset generator resets the integrator outputs
to zero after a specified number of pulses (nominally
ten). Temperature tests performed on the video proces-
sor included measurement of integrator gain, reliable
triggering of the threshold amplifier (a Schmitt trigger),
velocity prediction and acceptance generator delay
changes, firing circuit trigger sensitivity, and reset gen-
erator trigger sensitivity. Preliminary analysis of the data
indicates satisfactory operation over the temperature
range expected.

Altitude marking radar antenna. The AMR antenna
produces a narrow pencil beam for the altitude marking
radar. Low sidelobes are required to keep the false alarm
probability to an acceptable value, and relatively high
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gain is required to provide assurance that the radar will
give a firing signal to the main retro-rocket at the proper
distance from the lunar surface.

The Hughes Aircraft Company designed feed men-
tioned previously has produced first sidelobes of approxi-

mately 30 db; however, it has never quite given
the design yxoal of 30 db in both the E and H
planes. Several modifications of this feed have been tried
with some success. The sidelobes have been reduced a
small amount and the gain has increased to 34.6 db.
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Figure 89. Altitude marking radar synchronizer
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Figure 90. Altitude marking radar video processor
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Improvements to the primary pattern range have al-
lowed a more careful study of the primary patterns. The
H-plane primary pattern shows evidence of shadowing
on both sides of the feed. Efforts to reduce this shadow-
ing are being made by tapering the sharp corners of the
feed guide and by construction of fairings to fit along the
narrow wall of the waviguide.

A modification of the ring source feed was built as a
backup To-date, results from this feed are not as prom:is-
ing as results mentioned above. Further modifications of
the ring source feed have been received from the shop
but have not yet been tested.

Two more prototype dishes have been tested. Both
produce patterns nearly equivalent to the spun aluminum
dish used in the development phase.

b. Radar altimeter and doppler velocity sensors. The
radar altimeter and doppler velocity sensor consists of
four major units. The klystron power supply modulator
(KPSM) includes the altimeter and doppler sensor klys-
tron transmitter tubes and the high-voltage power sup-
ply for both klystrons. Two antennas are required to trans-
mit and receive the four beams. Filter networks, isolators,
microwave detectors and preamplifiers are mounted on
the antennas as an integral unit.

The fourth unit, a signal data converter (SDC) in-
cludes the signal search and tracking functions, the arith-
metic sections, frequency to dc converters, programming
circuitry, range-marking functions, and the low-voltage

power supply.

The state of development of these units has reached the
breadboard evaluation and testing stage. The converter
circuits have been completed except for the de amplifier
output stages. which are still undergoing temperatures
stability and drift tests. All portions of the tracker loops
have been completed, but the voltage control oscillator,
quadrature generator, and single sideband mixer (SSBM)
remain to be completely evaluated. In order for the
SSBM to function properly over the wide range of input
signal levels, additional amplifier stages were recently
added following the prcamplifier. These amplifiers will
be gated out in two steps as signal level increases.

Both low- and high-voltage power supplies have been
designed and tests are currently being made on samples
of the special transformers. The arithmetic circuits which
gencerate de signals proportional to the velocity compo-
nents along the spacecraft axis are completed. Work s
continuing on the programming, marking, and output
stages. Physical outline and dimensions have been estab-
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lished as well as spacecraft mounting. Antennas for the
developmental model are being fab ‘cated.

A block diagram of the radar altimeter and the doppler
velocity sensor (RADVS) is shown in Figure 91. A func-
tional description of the major unit is given in the follow-
ing discussion.

Radar altimeter. The receiver-transmitter operates at
an undeviated carrier frequency of 12,900 mc
with a 400-milliwatt continuous-wave power output. The
transmitter output is frequency-modulated with low de-
viation at altitudes of 1000 feet and above, and high
deviation at altitudes below 1000 feet. The frequency
modulation consists of a negative linear sweep of 5 milli-
seconds. The FM sawtooth waveform has a fixed repeti-
tion rate of 182 cps at all altitudes. The signal return from
the lunar terrain is delayed in time in proportion to slant
range along the beam, and shifted in frequency in pro-
portional to the component of spacecraft velocity along
the beam. A small amount of transmitter power is coupled
off the transmitting waveguide and applied as the coher-
ent reference to the microwave detector. The microwave
detector consists of a pair of balanced mixers producing
two signal outputs to the two preamplifiers. The refer-
ence signal to each balanced mixer is applied in phase
quadrature so that the two output signals to the preampli-
fiers are also in quadrature.

Due to range delay and doppler shift, the output signals
from the balanced mixers contain signal spectrums which
peak up in power at a frequency which is equal to the
sum of a range proportional term, £,, and a velocity pro-
portional term, fs. The center of power of the tervain
signal spectrum into the preamplifier varies between 182
cps and 80 ke.

The preamplifiers raise the signal levels out of the bal-
anced mixers to values suitable as inputs to the altimeter
tracker, and shape the residual AM noise spectrum
present.

The function of the klystron power supply/modulator
is to supply beam, reflector, and filament power to the
VA246 reflex klystron and to superimpose a sawtooth
voltage waveform on the reflector voltage to the klystron
for purposes of frequency modulation. The KPSM accepts
an input from the 1000-foot marker in the programmer
for purposes of changing the transmitter deviation from
low to high.

The two quadrature signal inputs from the preampli-

fier and gated amplifier are applied to the tracker. The
altimeter tracker is an electronie, self-tuning, frequency-
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following loop which has as an output a signal of fre-
quency equal to the center of power of the input signal
spectrum to the tracker plus the tracker reference fre-
quency, f.. The quadrature input signals to the tracker
are applied to a single-sideband mixer whose other pair
of inputs are derived from a variable frequency quadra-
ture signal generator operating at a frequency above the
center of frequency of the input spectrum to the tracker
by an amount equal to f.. The single-sideband mixer
translates the input signal spectrum from the preampli-
fiers to a frequency near the reference frequency of the
tracker, that is, within the IF amplifier pass band. The
single-sideband action is accomplished using phase can-
cellation of the upper sidebands of two quadrature car-
rier signals each of which is amplitude-modulated in
quadrature with respect to the other.

Proceeding around the altimeter tracker frequency-
following loop, the signal from the single sideband mixer
is passed thror gh the IF amplifier and then applied to
the two mixers in phase quadrature. The difference fre-
quency spectrums in the outputs of the two mixers are
extracted using two low-pass filters. The signals out of
the low-pass filters are applied to the phase detector.
These two spectrums are in phase quadrature and pro-
duce, at the output of the phase detector, either a plus or
minus voltage, depending on phase relationship of the
two inputs. In the auto-tuning mode then, the tracker
tunes to maintain the output of the single-sideband mixer
centered at the IF frequency, the outputs of the low-pass
filters at zero average frequency, and the output of the
phase detector at zero volts or the average.

The mode of the altimeter tracker is controlled by the
signal detector. When the signal detector has detected
sufficient signal-to-noise ratio in the tracker low-pass
filter, the altimcter tracker is placed automaticay into
the auto-tuning or tracking mode. When the signal-to-
noise ratio in the low-pass filter is less than the signal
threshold, the altimeter automatically goes into a fre-
quency scarch mode, scannjng the tracker search band
on a continuous basis until a signal of sufficient strength
is detected. The tracker frequency scarch is equivalent
to an altitude scarch between about 1000 and 40,000
feet when the altimeter is in the low-deviation mode or
100 to 4000 feet when in the high-deviation mode. The
signal detector circuit receives two inputs, one trom the
low-pass filter and the other from a band-pass filter. The
band pass filter examines the mixer output signal in a
frequency bhand adjacent to that of the low-pass filter.

The signal detector compares the narrow band signal
plus noise out of the low-pass filter with the noise out of
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the band-pass filter. When this ratio exceeds the threshold
for proper operation, the signal detector puts out the
tracker signal lock, which stops the frequency search and
the tracker then follows the frequency of the center of
power of the detected signal.

The change in transmitter deviation from low to high
changes the input frequency to the tracker by 14.8 ke.
To prevent a tracker signal loss, the tuning posi-
tion of the tracker variable frequency oscillator is raised
by this same amount, which is accomplished by switch.-
ing from No. 1 fixed frequency oscillator to No. 2 fixed
frequency oscillator.

In the altimeter artithmetic section and altitude con-
verter, the signal from the altimeter tracker is applied to
the arithmetic section at a frequency equal to the sum
of the signal frequency into the tracker and the tracker
reference frequency fi. The tracker output frequency is
applied to a modulator and compared with the reference
frequency. The difference frequency is extracted in the
low-pass filter. The resulting signal frequency (f, + f4)
is scaled by a factor of two and by a factor of four, both
scaled frequencies being applied to signal gates. The
signal frequency from the arithmetic section is converted
into a proportional dc voltage. At the same time, a signal
with frequency proportional to the component of vehicle
velocity along the roll axis, as computed in the velocity
sensor arithmetic section, is applied to a scaling circuit in
the altimeter arithmetic section and converted to a pro-
portional dc analog in the signal processing chain. This
dc voltage, with the proper scale factor, is combined with
the converter signal from altimeter tracker signal for
velocity, leaving a voltage proportional to range alone.

The change in range signal output scale from 1 to 20
mv/ft is accomplished by a change of 20 to 1 in frequency
scale presented to the altitude converter input. This fre-
quency scale change occurs as a result of changing the
transmitter frequency deviation by a factor of ten at the
1000-foot range mark and scaling up the input signal
frequency to the altitude converter by a factor of two at
the same time.

The programmer contains the altimeter signal loss de-
tectors and the 1000- and 13-foot range markers.

Velocity sensor. The velocity sensor is composed ot
functional units similar to those in the radar altimeter.
Major differences are desceribed below,

The transmitter operates at a carrier frequency of
133000 me  with  approximately 6 watts  total  con-
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tinuous-wave power outpnt. The microwave energy is
divided equally among three antennas and is transmitted
in three narrow beams displaced 25 degrees from the roll
axis of the spacecraft. The doppler information from
beams No. 1 and 8 is used to determine vertical velocity,
V.; beams No. 1 and 2 give lateral velocity, V,, and beams
No. 2 and 8 give lateral velocity, V,. Considering a maxi-
mum velocity of 3000 ft/sec along any beam and a mini-
mum velocity of zero, the center of power of the signal
spectrums at the output of the microwave mixers can
vary between 0 and 81 ke.

Velocity sensor tracker operation is essentially the same
as altimeter tracker operation except the requirement for
fixed frequency oscillators is not necessary for the doppler
velocity sensor tracker due to the absence of scale change
of tracking velocity.

The arithmetic section combines the three doppler fre-
quencies to obtain frequencies proportional to the veloc-
ities along the spacecraft coordinates, (V,, V,, V,).

The three velocity sensor frequency outputs are at
carrier plus doppler frequency. Quadrature signals are
also provided by each tracker. These outputs are applied
to mixers and the difference frequencies are extracted
through low-pass filters. Both lateral velocity converters,
V. andV,, require the respective doppler difference fre-
quencies and their quadrature signals for sign sense in-
formation.

The vertical velocity, V,, is proportional to the sum
of two doppler signals, whereas the lateral velocities are
proportional to the differences of their respective doppler
signals. Therefore, one tracker output is first mixed with
twice the carrier frequency in balanced modulator and
the difference frequency is extracted through a low-pass
filter to obtain a signal frequency equal to the carrier
minus the doppler frequency. This in turn is mixed with
the other tracker output to obtain the difference fre-
quency output equal to the sum of the two doppler
frequencies. Vertical velocity sign sense is not required
so that the quadrature signal is not obtained.

14. Tape Recorder

a. Introduction. Development of the tape recorder has
been subcontracted to the Data Recorders Division of
Consolidated Electrodynamics Corporation and has been
in progress since August 21, 1961,

The tape recorder is to be capable of recording and
reproducing data, on command, during two operational
phases of the spacecraft. During the boost and landing
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phase, engineering data will be recorded on seven analog
channels (5 to 1000 cps ); record and reproduce will be at
20 in/sec. For lunar surface operation, 18 hours recording
capability is provided at % in/sec. Playback is at 20 in/
sec. Three analog channels, covering the range %o to 5
cps and one analog channel for the range %o to 20 cps,
are provided for recording seismic activity. Two digital
channels (550 bps NRZ and 180-200 bps NRZ) are pro-
vided for recording time-shared data from the plasma
probe and the seismometer (tide data) and for the mag-
netometer. A unique feature of this lightweight (9
pounds maximum) recorder will be the low-power re-
quirement, not to exceed 630 milliwatts during lunar
record and 1.5 watts during playback.

b. Electronic development. To achieve the very low
frequency analog response with good signal-to-noise ratio
and amplitude accuracy, saturated FM recording is being
used. The block diagram of the record portion of the
system is shown in Figure 92. There will be four identical
sections to accomplish the launch and lunar analog re-
cording. There will also be three identical sections for the
launch analog and the lunar digital recording. (The
seventh lunar channel is reserved for recording a clock
signal if desired for tape speed control in the reproduce
mode.) In the analog channels, voltage-controlled oscil-
lators (VCO) will provide center frequencies of 333 cps
or 20 ke (lunar or launch) with deviation of =+50%.
The driver amplifiers will amplify the frequency-
modulated square wave signals and saturate the tape. In
the digital channels, solid-state switches will feed input
to the driver amplifiers for saturation recording of the
digital signals.

Erase will be prior to record. Erasing will be accom-
plished by passing a dc current through a high-induc-
tance head, thercby saturating the tape in one direction.

The block diagram for the reproduce circuits is shown
in Figure 93. The operation is as follows:

The signal from the playback head is linearly amplified
by a high-gain amplifier and fed through a level detector
(Schmitt trigger) which shapes the signal. Each pulse of
this signal then triggers a one-shot multivibrator, which
is designed to have a constant area pulse regardless of
frequency. The active filter integrates the signal to obtain
its average arca, which is proportional to the original
intelligence signal. The integrated signal is amplified and
capacitively coupled out. Since the lunar launch VCO's
center frequencies will be designed for a 60-to-1 ratio
(lmar playback/rewind speed ratio) the same repro-
duce amplifiers may be used for hoth lunar and launch
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modes. The lunar digital signals can be obtained by
simply tapping off from the level detector output.

Tape speed will be controlled by a closed-loop servo.
A pickoff voltage from the motor drive will be fed to a
discriminator; error voltages from the discriminator will
drive a servoamplifier for motor speed control.

Electronic development has progressed to the estab-
lishment of the record, reproduce, and erase systems. and
construction of operating breadboards of VCO’s, driver
amplifier, reproduce amplifier, Schmitt trigger, one-shot
multivibrator, active filter, and servoamplifier. Tests are

VOLTAGE
O LAUNCH ANALOG CONTROLLED RECOD
OSCILLATOR
DRIVER
AMPLIFIER
VOLTAGE
° LR AhRLOG CONTROLLED
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CHANNEL
Or—— SAME AS
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P— T U *
CrANNEL 3
O m—— CHANNEL |
CrHANNEL <
VOLTAGE
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OSCILLATOR WE AD
DRIVER
AMPLIFIER
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. CHANNEL 5 *
CLOCK
CHANNEL &
CHANNEL 8 [ =
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Figure 92. Tape recorder record section
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Figure 93. Tape recorder repreduce section

being conducted at room temperature and will be con-
ducted over the expected temperature range. Specifica-
tions have been established and orders have been placed
for the discriminators.

c. Electromechanical development. The tape recorder
will be housed in an hermetically sealed drawn magne-
sium case filled with helium at one-half atmosphere. Size
has been established as 8 by 9 by 5 inches. 1800 feet of
'3 inch wide 1 mil Mylar tape will be used. The tape
transport system is shown schematically in Figure 94.
Reels are coaxially mounted. Tape tension will be main-
tained by a negator spring which applies relative torque
between the takeup and supply reels through a differen-
tial. Tape tension varies with the radius of the tape on
the reels. This system maintains tape tension and head
contact at all times without need for a braking mecha-
nism on the reels and minimizes power consumption for
the reel drive mechanism by compensating the average
load between forward and reverse tape drive. Two-speed
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Figure 94. Tape transpert system

operation will be achieved by use of a magnetic latching
clutch with power used only during the speed change.

The motor which has been selected to drive the re-
corder is a miniature Japanes: motor with unusually low
brush friction and high efficiency (70%). Use of
this motor is necessary to meet the requirements of low
power drain during long periods of lunar recording.

Progress in the electromechanical area includes the
following accomplishments:

(1) A preliminary packaging arrangement of the tape
transport and electronic subassemblies has been
completed; a preliminary outline and mounting
drawing has been submitted.

(2) Procurement specifications have been established
and orders have heen placed for the negator spring
assembly, the electromechanical clutch, and the
differential.

{3) Samples of the special Japanese motors have heen
reccived. Similar motors have been previously en-
vironmentally tested by Consolidated Electrody-
namics Corporation; the sample motors are special
for 9-volt operation.

(4) A breadhoard model of the capstan transmission
has been made and has been used for preliminary
flutter measurements.
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(5) Specifications have been established and orders
have been placed for record, reproduce, and erase
heads.

(8) Reliability calculations have been made on the
proposed circuitry, and a preliminary parts list
has been submitted to Hughes Aircraft Company.

F. Electrical Power Supply

1. Summary

An oriented solar panel and a silver-zinc storage battery
system are the primary and secondary sources of power,
respectively, for operation of the Surveyor spacecraft.
The Phase I solar-cell module development and type
approval test program subcontract was awarded to two
vendors on November 9, 19681, and will be completed
in 2 months. Preliminary drawing release for the first
development model solar panel has been accomplished,
and fabrication of this panel is scheduled for completion
in mid-December.

Final contract negotiations with Electric Storage Bat-
tery Company for the development and test of the silver-
zinc battery have been completed, and the contract was
awarded on December 4, 1961.

2. Solor Panel

The Phase 1 solar cell module subcontract has been
awarded to two vendors, Hoffman Electronics of El
Monte, California, and Heliotek Corporation of Sylmar,
California. The solar cell subcontract consists of two
phases. Phase T is a complete type approval test program
to demonstrate the ability of the solar cell module to
survive the severe lunar environment. Results of the
Phase I subcontract will provide accurate solar cell
design data for use in predicting solar panel performance
on the lunar surface. The subcontract was awarded on
November 9, 1961, and will be completed early in Jan-
nary, 1962.

Upon completion of the Phase T development and test-
ing program, the Phase 11 subcontract for the production
of approximately 10,000 modules will be placed with the
successful vendor. Initial Phase 1 progress of both vendors
has been satisfactory to date and is on schedule,

During this report period, primary design and devel-
opment cffort has been directed toward firming solar
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pancl design and fabricating the first development maodel
solar panel. Preliminary drawings have been released for
the development model and the necessary hardware has
been received. Completion of fabrication is scheduled
for December 15, 1961,

Figure 93 shows the solar panel substrate: mounted
in the fabrication fisture in preparation for assembly.
Present panel substrate design utilizes 0,002 inch thick
facing material and A< ineh thick aliminum honey comb
core with a ' mch cell size. The titanium facing mate
rial is bonded to the core with FNT00 adhesive mann
factured by Bloominedale Rubber Company, Torranee,
Calitornia. Measured panel substiate weight based on two
substrates received to date s 2,60 pounds for the 9.2
square toot arca. Mavimum allowable substrate specifi
cation weight is 276 pounds,

The tront surface of the solar pancl will be coated
with PT-401 cpovy insalating coating manutactured by
Product Technigues, Incorpoated. Los Angeles, Cali
fornia. Front and back smtace thermal coatings are
presently: bemg evaluated ton stability e the anar en
vitonment 1t s planned to emplov a low absorptiy
ity coating o 023 on the tront panel sorface not
09 on

the panel back surface. Prehminay data obtained trom

covered by solar cells, and a high enussivity e

the Phase T solar cell vendors indicates solar cell module
absorptivity and emissivity values of approvimately 0.82
and 053, respectively,

Initial vibration tests of solur panel substrates similar
to those planned for final wse have bheen completed with
favorable results, Eatensive environmental testing of the
development panel is planned to verify results obtained
to date. Solar cell modules tor nse on the development
panel have been purelinsed from Heliotek Corporation
and acceeptance tests have been completed. A total of 106
modules assembled into a diode-isolated, parallel sub-
group of four series strings will be used or the develop-
ment pancl. Average weight of the individual solar cell
modules to be vused on the development panel s 1.71
grams. Location and mounting of the secondary Sun sen-
sor s been established. and a wooden dummy unit will
he installed on the development panel.

Testing of the solar panel blocking diodes as installed
- a panel substrate section has been initiated in vacuum
of 10 % mm He to determine thermal and electrical
pertormance datas The diodes presently being evaluated
are the Motorola IN3ISY and the Unitrode Transistor
Corporation UT23 1

3. Solar (Sunlight) Simulator

Optical Coating Laboratory, Ine. +OCLD has con-
sructed @ breadboard of the solar simnlator to be used
m testing solar cell modules, The present design is shown
schematically e Figine 96, A tungsten lamp is used tor
cnetey wan clengths from 0.7 to 1.2 micerons and a zenon
Lamp for cnergy wavelengths from 03 to 0.7 micron.

Figure 95. Solar panel substrate mounted in assembly fixture
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Figure 96. Solar simulator

The Sylvania “Sun Gun,” a commercially available item,
commonly used as a floodlight for home movies, is used
as the tungsten lamp and reflector. The Sun Gun has a
tungsten filament in an iodine vapor atmosphere to in-
crease lamp life. To further increase life, the Tamp will be
operated at reduced voltage, although the color tempera-
ture will still be above 2800°K. A life test is presently in
progress on this lamp. The OSRAM XBO-450\W high-
pressure zenon lamp, which requires 450 watts of de
power (20 volts at 22.5 amperes), is aso used. The £/0.2
parabolic reflector gathers the output of this lamp with
high efficiency.

Both lamps require high regulation of the power sup-
plies to meet the performance requirements. Two cold
mirrors are also employed to eliminate the Xenon energy
above 0.7 micron more efficiently. This energy impinges
on air-cooled baflle plates rather than heated optics. Sev-
ceral filters are used to further simplify the arrangement.

The simulator is planned for delivery in mid-January
following performance verification at OCLIL Three weeks
are allowed for acceptance testing at Hughes Aireraft
Company during which time intensity, speetral output,
and uniformity will be checked.

4. Battery

Charge-discharge cycle life tests of an Electric Storage
Battery Company (ESB) three-cell, 25 amp-hr battery
under simulated Surveyor operational electrical loads
and temperature have been terminated. Performance of
the battery to the end of the third lunar day (operating
time in excess of 2 months) was within present Surveyor
battery specification requirements, but the test was stop-
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ped due to the rupture of a second cell after a charge
period of 7 days at 125°F. E«rlier in the test of this bat-
tery one cell began to leak when nearly fully charged at
a temperature of 125°F during operating conditions sim-
ulating the first lunar day. The leak was patched and the
tests continued until the second cell ruptured. The battery
is being returned to ESB for failure analysis and evalua-
tion. Figure 97 shows the cells after comple on of test.
First and sccond lunar night discharge curves for the 25
amp-hr, three-cell battery are shown in Figure 98, Data
obtained from tests of this battery indicate an average
amp-hr efficiency of approximately 907 It is noteworthy
that although test results were excellent, this battery was
a readily available development item and is not necessar-
ily representative of future batteries procured to Surceyor
specifications.

Figure 97. Silver-zinc cells after test
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Figure 98. First and second lunar night discharge curves
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A charging test on three new ESB 25 amp-hr cells has
been initiated to determine the effect of various charge
rates and temperatures on battery capacity (Fig 99).
These data will be used to establish battery performance
during the lunar day.

5. Power Management

a. Optimum charge regulator (OCR). This circuit (de-
scribed in SPS 37-10) acts as a variable ratio, de trans-
former. A control loop causes the effective ratio to be such
as to obtain maximum power from the solar panel and
deliver it to the battery system. The method of regulation
used is a switching scheme in which the average current
from the solar panel is that corresponding to the maximum
power point on the solar panel output. However, the peak
current is equal to the average current fed to the battery
system, the pulses being supplied by a capacitor across
the solar panel. A complete breadboard of the optimum
charge regulator was fabricated and tested with satis-
factory results during this report interval. As shown in
Figure 100a, a transistor switch Q1 connects the input of
an inductor L alternately between the solar panel and
ground (by way of CR1). The current through the switch
is a series of pulses with peak values equal to the OCR
output current [,. During the period that transistor
switch QI is cut off, the collapsing field of inductor 1.
holds I, relatively constant, and Ciil provides the current
return path from the load to L. Current relations in vari-
ous parts of the circuit are shown in Figure 100b.

The switching drive is obtained from a low-power de
to de converter in connection with a magnetic amplifier.
The arrangement is such that the gating time of the mag-

» » ¥ .
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Figure 99. Setup for battery charging tests
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Figure 100. Variable d¢c transformer and current
waveforms

netic amplifier determines the on-time of the switch. The
slow response of the magnetic amplifier acts as an integra-
tor such that the duty factor can be caused to increase or
decrease linearly with time. As the duty factor (F,) is thus
varied. the output current I, (Fig 101)  varies from zero
at zero duty factor to the optimum value corresponding
to maximum I, and decreases to a lower value at 100
duty factor. The value at F, = 1007 is that value of
current obtained by direct connection of the solar panel
to the battery system. Figure 101 also shows the wave-
forms of duty factor and output current in closed-loop
operation. The circuitry for discriminating the optimum
point or the point of maximum current has been bread-
hoarded and tested with the rest of the circuitry in a
closed loop.

b. Battery charging logic. Battery charge logic cir-
cuitry has been developed and breadboarded but no tests
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Figure 101. Duty factor and output current
waveforms (closed loop)

have been performed. This circnitry will include all of
the necessary logic to command charging of either or
both batteries as well as to implement automatic charg-
ing.
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In the latter case, each battery will be taken off
charge when its terminal voltage reaches a preset
amount. When the second battery is fully charged, a
signal will he sent to the OCR commanding an output
limitation of 28 volts de after which the OCR will supply
normal loads. If the load requirements exceed the capac-
ity of the OCR, the batteries will deliver current to the
load. This load current will cause the charge circuits to
be actuated supplying charging current to the battery
system as soon as excess solar panel output is available,

¢. Main overload trip circuit. The main overload trip
circuit has been designed and breadboarded. The bread-
hoird has been subjected to environmental testing in the
liboratory and operates satisfactorily. This circuit will
sense the current and voltage on the main regulated bus.
I the current exceeds a preset amount, or if the voltage
drops below a preset level, the overload trip circuit will
cause the main regulated bus voltage to drop to zero for
about 20 milliseconds (except to the receivers and com-
mand decoders which bypass this unit). During this
period of time, the individual load switches will drop out
antomatically and remain off. After 20 milliseconds the
voltage will automatically recover, allowing loads to be
commanded back on. This svstem saves the cabling which
would be required it “off” signals were generated and
distributed by separate wire to all the subsvstem switches.

d. Electrical conversion units. The clectrical conver-
sion unit (ECU)Y program has developed to the extent
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Figure 102. Typical electrical conversion circuit
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that primary circuits have been released for several units
and a number of breadboards have been built and tested.
The efficiency of most of the converters is between 75
and 95¢. Those converters with outputs less than 10 volts
have low efficiencies as a result of rectifier voltage drop.
The development of special inverters and converters for
tight regulation, low ripple, or low distortion is under
way. The breadboard of the three-phase, 400-cps inverter
is now being tested with encouraging results,

Figure 102 shows a typical ECU circuit. Q1 and Q2 are
part of a saturable-core oscillator with T1 being a saturat-
ing transformer. When a turn-on pulse is applied, Q1 and

2 conduct and oscillution is produced by the feedback
on Tl. The secondary S1 produces a negative voltage
which biases Q3 into saturation, completing the base re-
turn of Q1 and Q2 through R1. Outputs are taken as
needed from secondaries 51, 82, ete. The regulation on a
typical ECU is better than 196 for 50 load change.
Turn-off is accomplished by supplying the standard posi-
tive command decoder pulse to the base of Q3. This
absorbs the current being supplied to the base of 3,
holding it off for the duration of the command pulse,
With Q3 off, the base circuit of Q1 and Q2 is open cutting
the transistor off and cansing oscillation to cease.

G. Thermal Control

1. Compartment Group

As previously reported (8PS 37-12) several
modifications were made in Compartments A
and B to optimize both lunar day and night thermal
performance, Current lunar day performance character-
istics for Compartments A and B are presented in Fig-
ures 103 and 104 in terms of steady-state internal power
dissipating capability as a function of solar incidence
angle. Also shown is the degradation in dissipating
capability that would result if the solar panel-antenna
assembly were to remain in its transit position. The
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Figure 103. Compartment A dissipating capability

performance indicated in Figures 103 and 104 is not
entirely representative since most of the equipment in
Compartments A and B operated intermittently, in some
cases at peak power dissipations in excess of the steady-
state performance. Under these conditions the resulting
cquipment temperatures will be transient in nature, and
therefore a transient capability of Compartment A during
the high-power transmitter mode of operation has heen
defined.

The neat phase of compartment thermal design — de-
tailed representation of the compartment and its sur-
rounding  environment to determine  the  temperature
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Figure 104. Compartment B dissipating capability

histot.es of specific vnits within the compartments and
ot the major heat paths —is under way. The complex
diation interchange between the external surfaces of
the compartment — particularly the compartment radi-
ators and other interacting surfaces (spacecraft, panels,
Moon, and space) — will be accounted for by utilizing
the network method (radiosity ) developed by Oppen-
heim in conjunction with the TBM 7090 computer.

A preliminary study of the effect of local spacecraft
cquipment on the Compartment A dissipating capability
indicated that the TV telescope and Camera No. 5 as-
sembly (adjacent to Gompartment A) would occupy an
envelope equivalent to a 577 radiation view factor from
the top of the compartment. This position would decrease
the Compartment A dissipating capability at lunar noon
from 22 to 15 watts, and therefore the assembly has been
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relocated. The new location, near the flight control group,
will result in negligible effect on the compartments. The
reduction in power dissipating capability illustrates the
importance of maintaining an adequate view of spate
from the major radiating surfaces.

The current lunar night compartment power dissipa-
tion requirements for adequate thermal performance are
5.1 watts for Compartment A and 4.4 watts for Compart-
ment B. These requirements currently exceed the heat
availuble from normal equipment dissipation by 0.73
watt. An attempt is being made to meet this requirement
by a revised sequencing ot the Compartment A and B
cquipment operated during lunar night. An alternative
method of assuring thermal compatibility involves the
use of approximatelv 2.8 pounds of additional super-
insulation to balance the existing heat deficit. Further
study is required before the optimum tradeoff can be
made.

In the previous report, it was indicated that several
scientific instrument and mechanism auxiliaries not used
during lunar night were removed from Compartment A
and B to reduce wiring harness weight and lunar night
compartment heat losses. This equipment (Table 6) has
been packaged in a group designaied Compartment C
and will be designed to survive the lunar night; there-
fore, nightime thermal protection will not be required.

The thermal control of Compartment € will maintain
the equipment between 0 and 125°F during the lunar
day using passive radiation techniques to dispose of
dissipated electrical power near lunar noon and supple-
mental heating near the terminator, where the combined
environmental load and equipment dissipation will be
insufficient to maintain 0°F cquipment  temperatures.
The only units which dissipate significant power in this
compartment are the subsurface sampler  aunxiliaries,
which dissipate 37 watts during a 15-minute interval.

Table 6. Compartment C packaging

Volume,

Item in'

Gas chromotograph auxiliaries 45
Subsurface sampler and processor auxiliories s
Syrface sampler auxiliaries 29
Surface geophysical auniliaries 133
Subsurfoce geophysical auxiliaries 92
Mechanism auxiliories (partiah 164
Total volume 578
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Current mission sequencing indicates approximately four
such operating periods during the lunar day. A detailed
thermal analysis of this compartment with the objective
of minimizing the supplementary heating power required
near terminator is currently under way.

A preliminary analysis was performed on the flight
control compartment to determine if the Canopus sensor
could be passively temperature-controlled to 32°F in
the presence of conduction and radiation coupling from
the inertial reference wnit radiator at 160°F and from
other local spacecraft surfaces. The results indicate that
the Canopus sensor and inertial reference unit assembly
temperature requirements are compatible and can be
maintained by a surface treatment of absorptance, o =
0.16 and emittance, « - 0.8 on the inertial reference unit
radiator and Canopus package.

2, Remote Subsystem Group

Of the three main items of the doppler antenna sub-
system — klystron box, signal data converter, and an-
tenna dishes and equipment — the first two have been
shown to be capable of passive control during transit.
Due to their position (remote from the antenna dishes),
the proper balance between solar energy received and
infrared energy dissipated can be achieved on the sur-
faces of the boxes through selective surface coatings,
and any desired temperature between the limits of ap-
proximately 100 and 100°F at the beginning of the
descent phase may be obtained. The third item, however,
cannot as readily be controlled. The antenna dishes in
their original locations under Compartments A and B
have been shown to reach a minimum temperature of
—190°F at the end of transit. To avoid this low tempera-
ture, the antenna dishes have been moved slightly out-
board to receive partial solar illumination. Thermal
conduction will be relied on to provide heat distribution
to the inboard sections of the dish. If it is found that
thermal conduction is not sufficient to maintain the in-
hoard portions of the antenna dishes at temperatures
above - 50°F, awxiliary heating may be required.

Figure 105 shows the results of one possible antenna
configuration using aluminum facings and honeycomb
construction with one-third of the antenna exposed to
solar illumination. For this completely aluminum con-
figuration, the minimum antenna temperatures are main-
tuined well above the lower limit of  50°F,

An initial analysis to determine the degree of heating
on the lower spacetrame tubes from the vernier engine
exit nozzles has been completed. Thiokol,  Reaction
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Motors Division, has indicated that a nozzle temperature
of approximately 2800°F can be expected. The initial
analyses are slightly conservative in that the 2800°F
nozzle temperature was assumed to be a step function
from the time of ignition. Figure 106 shows the lower
spaceframe temperature as a function of time for a space-
frame emittance (¢) equal to 0.8 and a burning time of
214 seconds. An unprotected tube will approach 1200°F
after approximately 200 seconds of vernier operation.
Figure 106 indicates the cooldown characteristics after
engine cutoff. The figure also indicates that heating is
restricted to a localized region extending 12 to 15 inches
from the engine attachment. Figure 107 illustrates the
effect of a highly reflective tube coating (¢ = 0.05). It
is concluded that the higher reflectance will reduce the
tube temperatures to acceptable levels,

A tradeoff study to detrmine the vernier system fuel
and oxidizer line heater power savings by using a high
degree of insulation around the lines has been completed.
Wrapping the lines with approximately 1 inch of ribbon
aluminized mylar was found to be undesirable in view
of the routing and attachment requirements. The lines
will be thermally controlled using 2.5 watts of heating
and a single low emittance aluminum foil outer*covering.
The foil will be spot-bonded, thus allowing volume for
thermal expansion and outgassing of the bonding ma-
ierial.

An analysis to determine the thermal gradients
throughout the spaceframe is nearly complete. Of prime
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importance will be gradients resulting from the nonsym-
metric solar heating during transit. Such considerations
must be included in certifying spaceframe  structural
integrity during the landing operation.

Figure 108 shows the result of a parametric study to
determine the correct surface coating requirements on
the shock absorber. As indicated, there are several com-
binations of solar absorptance and infrared emittance
which would successfully maintain the shock absorber
in the vicinity of 70°F. Initial sclection has been for a
shock absorber column coating of « - - 0.8, « = 0.8.

3. Scientific Instruments

Thermal analysis and coordination of the soil analysis
group has progressed very satisfactorily. Coordination
with the supplier of the X-ray instruments ( Philips Elec-
tronics, Inc.) has resulted in the incorporation of com-
patible thermal design concepts in the package designs.
Specified temperature limits have been negotiated and
current thermal analyvses indicate that, in general, the
specified limits will be met. Emphasis has been placed
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on coordinating and assisting the vendor in the design
of electronic circuitry and equipment capable of sur-
viving the severe lunar night environment, Table 7 shows
a comparison of former estimated lunar night heating
requirements with the current design values.

An X-ray diffractometer thermal radiator has been
designed for the dissipation of the 30 watts of heat gen-
crated in the X-ray tube. Several concepts have been
considered and results of the recommended radiator in
simulated lunar noon operation are shown in Figure
109. A final recommendation of a 6061-T8 aluminum
radiator of 30 in® arca with cross section tapered from
Ya-inch at the root to !x-inch at the ends for weight
savings has been made to Philips and will be incor-
porated in the X-ray diffractometer head package design.
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Figure 108. Shock absorber column temperatures
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With this design, the X-ray tube and diffractometer head
will operate at temperatures within the specified toler-
ances. Figure 110 shows diffractometer head package
temperatures resulting from this radiator concept. Proper
surface treatments will be specified to the instrument
supplier by mid-December.

The high voltage power supplies for the X-ray instru-
ments are being developed to minimize lunar night
survival requirements, as well as provide maximum heat
dissipation during lunar daytime operation. The mini-
mum allowable temperature has been lowered from
— 148 to — 280°F, which reduces the heating require-
ments significantly  (Table 7). The maximum  allow-
able operating package temperature has been set at
210°F for both power supplies; thus it appears that an
optimum thermal design will result,

The gas chromatograph thermal control design utilizes
thermal isolation of the instrument components from the
outside environment through the use of super-insulation.
Very close temperature tolerances have been set on
various components of the instrument. These tolerances
will be maintained through the use of internal heating
when required and external heat dissipation from the
outside surfaces of the package. Surface treatments for
the onter sides of the package are currently under anal-
vsis, the optimum coatings to be specified to the supplier

{Beckman) when required. The lunar night heating
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Figure 110. X-ray diffractometer head temperatures

requirement still stands at approximately 2.0 watts. An
effort is currently being made to lower the minimum
allowable non-operating temperature to reduce if not
climinate this heating requirement.

A preliminary thermal analysis of the thermal dif-
fusivity portion of the Surface Geophysical Experiment
has resulted in a recommendation to wrap the critical
stepping motor with approximately ' inch of super-
insulation and provide a 35-watt heater for a 30-minute
preheat in the event of lunar night operation. It has also
been recommended that the heater wires be included
in the motor wire bundle to provide preheating of the
bundle which may be required to flex slightly during
the experiment. This bundle will also be wrapped with
about *w inch of super-insulation.

The radiation detector thermal analysis has indicated
that thermal isolation of the clectronies package fram
the ionization chamber will result in a satisfactory de-
sign. The ionization chamber, filled with helium gas,
will need no lanar night protection, while only fract. 1
wittage is required to maintain the clectronies at its
minimum temperature during the night, Indications are
that the clectronies package may be designed to survive
lumar night, in which case no auxiliary heating will be
required.
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Table 7. Seil analysis group night heating requirements

Current

1 ini Original Current Net pewer

gy ollewable hoating heating ing,

orpackege |, perature, | requir i y watts

°F watts watts
X-ray ditfrac- -320 0 0 1]
tometer head
Diftractometer —280 1.59° 0.06 1.53
high-voltage
power supply
X-ray spec- —280 20 ~0.05 1.95
trometer head
Spectrometer —280 117¢ 0.05 112
high-voltage
power supply
Gas chromato- -3 2.0 200 0
9rpph
Totols 216 4.60

cAfter removal of high-voltage power supply from Compartment A.

4. Thermal Switch

Table 8 is a synopsis of the pertinent thermal test
results obtained to date on the lightweight aluminum
design. As indicated by the low total switch conductance
for the aluminum contact design, it does not appear
that the design goal conductance of 0.7 Btu/hr °F can
be achieved with aluminum contact surfaces. Empirical
relationships indicate that the contact conductance is
directly proportional to the contact material density,
and thercfore plating of the contact surfaces with both
gold and copper is presently being examined. By plating
the aluminum contacts, the better contact conductance
performance of these heavier metals can be utilized
without sacrificing the basic lightweight aluminum con-
struction. Although gold is superior to copper as a
contact material, both will continue to be examined since
gold presents greater problems than copper in both
plating and lapping,

Since the foil attachment in the switch used to evaluate
the gold plated contacts was poor (evidenced by the
conductance data in the table), the foil assemblies are
presently being heliarc-welded at the tips and subse-
quently soldered to the inner ring and contact plug.
The method is adequate; however, an inspection tech-
nigue must be developed to ensure good joints prior
to thermal testing of completely assembled switch units.
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With the objective of fabricating the thermal switch
case from a material capable of withstanding the 257°F
heat sterilization temperature, the search for an alterna-
tive to polystyrene has continned. As previously indi-
cated, one alternative is Ablatalite, manufactured by
Thiokol. A case with a 15-mil wall thickness has been
successfully machined from this material. The elastic
modulus of Ablatalite has been measured and found to
be 3 ¢ 107 psi, which is adequate for this application.
Materials testing will continue.

Rexolite is also under investigation. This material has
structural properties similar to polystyrene but has a
higher temperature capability.

5. Compartment A Super-Insulation Tests

The primary purpose of the Compartment A super-
insulation tests will be to determine if the compartment
thermal design as presently conceived is capable of
maintaining the 0°F internal temperature during lunar
night. The effectiveness of the multiple-layer radiation
insulation will be of particular interest.

Figure 111 shows the basic thermal tray equipped
with ten thermal switches. The outer compartment shell
and its multiple-layer radiation insulation liner are also

Figure 111,

Basic thermal ¢~ ,
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Table 8. Thermal switch conductance data

“Correlated vacuum-test data from Reference 1.
*Not measured.

Type of contact Surface quolity, micro-inches Thermal conductances, btu/hr °F
Flatness Roughness Across contacts Foil assembly Totol switch
Aluminum 10 10 Theory 017 2.22 0.15
Test 0.30 20 0.24
Gold plate 20 - 30 * Theory 0.94 2.22 0.55
Test 0.82 1.0 .40
Copper plate 5-10 5 Theory” 0.4 2.22 0N
Test 0.45 1.50 0.34

included in the exploded view shown in Figure 112.
This compartment thermal model has been completed
and instrumented and is ready tor test.

The structural supports are equivalent thermally to
those of the final Compartment A design. Each support
is equipped with a blocking heater on its external end
so that the heat flux through any given support can be
nulled during the test. The super-insulation: consists of
100 separate sheets of aluminized mylar individually

N RADIATION INSULATION LINER

hand-wrinkled to minimize the contact arca between
sheets, All edges are interleaved so that no direct thermal
connections exist between the inner and outer sheets.
Ten thermal switches, less their contact closure mecha-
nisms, are mounted on top of the thermal tray. The open
switch conductance of the thermal switch is simulated
in these units,

Subsvstems that dissipate power within Compartment
A during the lunar night are simulated in the test unit

BASIC THERMAL TRAY

TEST FIXTURE

Figure 112. Compartment thermal model
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by heater blankets bonded to the thermal tray, Thermo-
couples have been installed at 50 locations both inside
and outside the compartment to enable a complete com-
pilation of all heat loss contributions.

The cold-wall installation in Hi-Vac I has been de-
layed. Current planning calls for the tests to begin in
mid-December.

§. Coatings

Table 9 summarizes the current status of the material
testing being conducted for Hughes Aircraft Company
at UCLA. The data for the aluminized Mylar and Tedlar
are being repeated since the solar absorptance, a, should
have been determined as a second surface mirror (look-
ing through the film). It is anticipated that the Hughes
Gier-Dunkle spectral reflectance equipment will be in
operation in early 1962 and therefore will relieve the
scheduling problems associated with routing samples
through the UCLA laboratory.

Pending conclusion of an investigation of the pro-
posed bonding material, a tentative decision to use
second surface mirrors (Vycor) for the main radiating
surfaces of MT-1 has been made. The mirrors must be
bonded to the substructure with a high conductivity
bond; therefore, two such techniques are currently being
explored. The first involves a sweat solder joint using
an indium alloy and the second, a silver-loaded epoxy
resin.

Table 9. Coating properties deta from UCLA

Solar Intrered
Meteriel ahsorptence, | omittence, ale
a ¢
Vycor No. 7910 — 1/16 inch 0.122 0.836 0.14
thick, oluminized
Vycor No. 7910 — 1/8 inch 0.114 0.854 0.13
thick, eluminized
Mylar — 0.010 inch thick, 0.098° 0.90" —
aluminized
Tedlar Type 200-A20 — 0.004 0.102° 0.032* -
inch thick, aluminized
Ditzler white paint 0.244 0910 0.26
Type 1199 foil — anodized
0.2 mil film thickness 0.152 0717 0.2
0.4 mil film thickness 0.164 0.768 0.214
0.6 mil film thickness 0.176 0.799 0.220
0.8 mil film thickness 0.185 0818 0.226
“As first surface mirror.
SAs second surface mirror.

CONFIDENTIAL

Although confirming data have not been obtained,
earlv indications are that a Hughes-developed inorganic
white paint will prove useful for general spaceframe
applications. This coating, while not as effective as the
second surface mirrors, should have a solar absorptance
between 0.20 and 0.22 and an infrared emittance be-
tween 0.8 and 0.9.

7. Thermal-Vacuum Tests

Three separate 120° sectors (designated MT-1) of
the spacecraft structure complete with thermal mockups
of the appropriate subsystems are to be tested under
lunar day, lunar night, and transit environments. The
Hughes cold-wall vacuum chambers to be used for this
testing are expected to be ready in early March. Lunar
night testing of all three sectors will be performed for
several months. Lunar day and transit testing will begin
in June, corresponding to delivery of the first solar
simulation unit.

Because the chambers will have a maximum working
height of 8.5 feet, the solar panel-antenna assembly can-
not be extended to its postlanding position. In order to
maintain the proper thermal radiation geometry during
the lunar day testing, it will be necessary to scale down
the MT-1 solar panel and planar array. Preliminary anal-
ysis indicates that the linear array dimensions can be
scaled directly to the distance of the array above the
compartments, with negligible errors resulting.

The design of the MT-1 spaceframe sectors is nearly
complete. Thermal mockups of all subsystems are to be
available for installation beginning in January.

H. Engineering Mechanics

1. Touchdown Dynamics

Recent studies of design data have shown that the
ranges of center of gravity and radius of gyration are
expected to be 16 to 18 inches and 28 to 32 inches,
respectively. With use of these data, maximum landing
gear loads, vehicle acceleration levels, and stability
boundaries have been established. Load levels have been
calculated, using A cg and k values of 16 and 28 inches,
respectively, to give worst-condition loads. (A cg denotes
the center of gravity height above spacecraft station
47.48, the plane of the landing gear pivot points.) Sta-
bility calculations were made with A cg = 18 inches and
k 32 inches to give the worst stability conditions.
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In previous bimonthly progress summaries, rigid body
acceleration levels have been presented, since the order
of magnitude of the amplification factor associated with
these loads had not been determined. Subsequent anal-
ysis has indicated that shock amplification for the touch-
down loads is approximately 2. Since rigid-body loads
and those incorporating shock amplification may not
have the same maxima as contributing parameters are
varied, the examination of touchdown loads requires the
use of the shock amplification factor to obtain a true
indication of maximum loads. Therefore, the loads in
this report are actual loads, rather than rigid-body loads.

A more precise definition of touchdown velocities and
attitude has resulted from more rigid specifications on
flight control parameters. Figure 113 shows the 3¢ and
100 dispersion ellipses for altitude and vertical descent-
velocity at vermer cutoff. From this plot corresponding
values of touchdown ver’ "zal velocity can be ascertained.
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Figure 113. Effects of flight control dispersion on
touchdown conditions
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Figures 114 and 115 contain the 3¢ and 10 ellipses
relating touchdown lateral velocity with touchdown atti-
tude. These results, and those in Figure 116, are based
on the following conditions:

Spacecraft weight 772 pounds
Radius of gyration 28 inches
Acg 16.05 inches
Site slope 15 degrees
Amplification factor 2

The effect of spacecraft-to-lunar surface friction co-
efficient () on antenna lateral acceleration has been
extensively investigated for 0 == p == 1.0. Maximum lat-
eral antenna loads occur at p =10 (Fig 114), and
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Figure 114. Antenna lateral acceleration
20 f1/sec touchdown vertical velocity
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Figure 115. Antenna lateral acceleration
15 ft/sec touchdown vertical velocity; 1 = 1.0
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on the basis of the 3« dispersion ellipse, a maximum
acceleration level of 32 ghas been established. This result
corresponds to a touchdown vertical velocity of 20 ft/sec,
which, from Figure 113, is outside the 10s dispersion
ellipse. A 15 ft/sec touchdown vertical velocity (corre-
sponding to approximately 3¢) yields a level of only 28 g
on the basis of a 10s dispersion ellipse (Fig 115).

“Package” acceleration refers to the vertical accelera-
tion of a point displaced laterally 30 inches from the
center of gravity, It was determined that maximum pack-
age accelerations occur at low values of u. Figure 116
shows the accelerations corresponding to u == 0. The
established design value of 274 lies well outside the 3o
dispersion ellipse.

Another effect of the correlation between touchdown
lateral velocity and incidence attitude has been to estab-
lish the maximum shock absorber compressive load at
8000 pounds. This load corresponds to vertical and lateral
velocities of 20 and 5 ft/sec, respectively, with zero
attitude and g = 1.0.

A more detailed investigation has been made of the
landing gear foot pad. As the contact area of the foot
pad increases, the moment arm of the resulting eccentric
vertical force decreases, resulting in a lLniting torque
which can be applied to the rigid arm. Since this torque
is a major contributor to tl ¢ rigid arm design, every effort
is being made to reduce it. The density of the foot pad
has therefore been reduced from 6 to 3 Ib/ft? in order
to reduce the torque from 12,000 to 7500 1b-in.
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Figure 116. Package vertical acceleration
20 ft/ sec touchdown vertical velocity; « = 0
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Spacecraft touchdown stability, on site slope of 15
degrees, has been more thoroughly investigated for a
higher center of gravity and larger radius of gyration.
Parameters used in these studies are as follows:

Spacecraft weight 772 pounds
Radius of gyration 32 it ‘hes
Acg 18 inches
Initial spacecraft incidence — 5 degrees
Snacecraft pitch rate — 1 deg/sec
Shock absorber parameters Nominal

As expected (SPS 37-12) the stability is lower with

these parameters. Figure 117 shows the allowable lat-
eral velocity as a function of site slope, as shown in
Space Programs Summary 37-12.
If, regardless of vertical touchdown velocity, the smallest
lateral velocity which results in toppling for a given
site slope is denoted maximum allowable lateral velocity
and is plotted versus site slope, the result is as shown
in Figure 117. Actually, this value of lateral velocity
occurs at a vertical velocity between 9.5 and 10.5 ft/sec
for site slopes of 10 to 30 degrees. Consequently, at a
nominal vertical touchdown velocity, there is in general
more stability than is shown in Figure 117. Furthermore,
the 32-inch radius of gyration is an absolute maximum,
so that for the expected value of about 30 inches, the
vehicle will be more stable.

The effect on stability of the variation of fiiction
coefficient is being investigated for the same configuration
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Figure 117, Allowable lateral velocity vs site slope
us 1.0
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(& cg = 18 inches and k -+ 32 inches). The results for
a 15 degree site slope are indicated in Figure 118, which
shows the instability region boundaries for various fric-
tion coefficients. The line denoted “abutment” corresponds
to a stability boundary derived from a linearized solution
for the case of rotation about the double leg contact
point with no shock absorber action (gravity force being
the only retardant to toppling). There is an indication
that very large friction coefficients will give stability
boundaries which approach this “abutment”™ curve. This
high friction characteristic is especially significant for
the case of penetration and lateral motion through an
extremely soft surface. Although the force resisting lat-
eral motion would be drag rather than surface friction
for the soft surface, the large lateral force would be
roughly synonymous in the case of stability.

2. Full-Scale Drop Tests (T-1)

The scaffold for the simulated lunar landing drop tests
of T-1 has been erected (Figure 119). The scaffold is
40 feet high, 20 feet wide, and 50 feet long. A track will
be mounted in the center of the 20-foot span at the
40-foot height and will run the full length of 30 feet,
The anti-gravity system will operate from this track and
will follow the spaceeraft as it travels dovn and/or paral-
lel to the track exerting a constant vertical force of
approximately s Farth ¢ on the test vehicle, The track
itself is about two-thirds complete and ready for instal-
lation. The anti-gravity svstem has been tested success-
fully to full load capacity. The pistons and ¢ylinders for
the system have been built.

A search has begun for a landing surface material for
the soft lunar surface that will offer a resistance of 10
Ib/in® for 1 foot of deflection. Three materials have
been scereened: rubberized horsehair, wood shavings, and
peat moss. The rubberized horschair was too soft to be
considered. Of the other two, peat moss appears the
more  promising.

A design for the hard surface landing, platform has
been formulated. The basice criteria for the design is that
the platform shall absorb no more than 0.5¢ of the total
energy available at T-1 impact. This criteria resulted
in a requirement for extreme structural stiffness Cabont
900,000 h/in). Several construction schemes were con
sidered and subjected to both analyses and test, including
reinforced conerete designs, steel designs, various shibs
supported by compacted carth, and similar schemes. The
design that was finally selected on the basis of the
comparative study is a platform constructed of 100 Iy
16 inch wooden timbers laid side by side to form a
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Figure 118. Effect of friction on stability boundaries
15 deg site slope
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solid surface. The surface will be supported on a frame-
work utilizing 12 by 12 inch timbers as beams and
columns,

a. Test facility checkout. A series of test drops of a
test mass (not T-1) onto a 15 dcgree site slope surface
will be made as a final check on the operation of the
anti-gravity device. The test mass will be equipped
with skids or wheels which will allow the mass to move
freely down the slope. The anti-gravity cable force will
be monitored and the ability of the cable to remain
vertical during the motion will be observed. Final adjust-
ments to the test apparatus will then be made as required.

b. Preliminary test plan. A preliminary test plan for the
25 scheduled drops of the T-1 vehicle has been formu-
lated. The general categories of drops are described
briefly in the following paragraphs.

Instrumentation checkout. The first C.oop with T-1 will
be made onto a flat smooth surface to check the operation
of the instrumentation and give the simplest means of
a first comparison between the 1BM program results
and an actual drop.

Nominal landing verification. Two drops will be made
at landing conditions corresponding to 3¢ flight control
conditions on a 15 degree site slope. These drops are
for verification of expected landing stability and loads
and will give situations other than extreme cases for
correlation with IBM results,

Stability verification. Approximately five drops on a 15
degree rock-covered slope will be made to demonstrate
toppling stability as a function ot lateral and vertical
velocity.

Center of gravity stability cffect verification. Two
drops will be made to show the change in stability result-
ing from a decrease in center of gravity height for the
15 degree rock-covered slope.

Soft surface stability. Approximately five drops will be
made on a 15 degree slope with a very soft surface
(attempting to meet the specified surface with a bearing
stress of 0 psi). Since analytic solutions for this surface
will be extremely difficult, the experimental investigation
is felt to be necessary; the drops will also correspond
to an apparent high friction coefficient.

High slope capability verification. Approximately four
drops will I ¢ made onto a 25 degree rock-covered slope
to show the steep slope capability compared with b
drops on a 15 degree rock-covered slope,
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Soft surface high velocity impact. Two drops will be
made onto the 15 degree slope with a soft surface to
show penetration and loading characteristics for a 20
ft/sec landing,

Maximum load verification. Two drops will be made
onto the 15 degree rock-covered slope in order to verify
the worst loading conditions.

Three-dimensional stability. Two drops will be made
onto the 15 degree rock-covered slope with a cross-hill
lateral velocity component to demonstrate three-dimen-
sional stability.

3. Crushable Block Tests

At the present time, developmental tests are being
performed on the aluminum honeycomb material to be
used for the crushable blocks. Static crushing stress tests
have been completed on a flat (0 degree ) impact surface
for a temperature range of —100 to 300° F. The results
(Table 10) indicate a decrease in crushing stress with
increasing temperature. Between —100°F and room
temperature, the crushing stress is fairly constant; it
then begins to drop off with temperature until at 200° F
the stress is about 80F of maximum. The block material
for these tests was 5052 aluminum with a 0.001 inch
foil thickness and * inch cells,

From the results of these tests and other considerations,
the present block configuration has been determined.
The configuration is a madified hexagon, approximately

Table 10. Honeycomb block crushing test results

Crushing Averege

Specimon '::'::':: t'""'.':'“"' Valecity, crushing

in/min lond, &
1 264 70 0.2 1760
2 264 70 0.2 1775
3 264 70 0.2 1750
16 264 70 20 1750
7 264 300 20 1210
8 264 300 20 1350
114 248 200 20, 1350
20 264 200 20. 1550
2) 264 200 20. 1450
22 264 300 20, 1375
23 264 —100 20 1890
24 264 —100 20 1950
25 264 -30 20 1940
26 264 -50 20 1960
27 409 70 20 2770
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§ inches across the taces, preerushed slightly to alleviate
the very high initial crushing stress. On the preernshed
surface there will be a thin sheet of corrngated aluminum
designed to provide a large bearing surface for anding
on avery soft surtace, while still providing means tor
trapped air to escape trom the cells during the boost
phase.

Other testing in progress or planned includes dynamic
crushing at impact velocities of 15 and 30 {t/see on
strfaces with the impact slope varving up to 40 degrees
and tests to determine the effect of vaconum on the
crushing stress, the variation of crushing stress with angle
of applicd load. and the effedts of tnction cocfficient.

4. Shock Absorber Developinent

The definitive subcontract with the National Water
Litt Compamy ( NWLo of Kalamazoo, \ichigan, has
heen finalized. The construction of the test modification
prototy pe models to be used on T 1 and S 2 s near
completion. and pertormance testing will start the latter
part of December. Present indreations are that the units
will be delivered as sehieduled carlv in Jannany .

Fatensive development has been canned ont to - date.
Immediately on selection of hasie shatt and seal dimen
sions, a seal Teakage test deviee Fre 1200 was buailt
T'he sihcon nid an the ovhnder s ander speatied preload
conditions, and the seal v identical to that wineh wall
be used in theht models, This test duphicates storage
condiions and wall have been e progress tor almost 2
vears at the time of the SC T Lomch The setup s Kept
m o temperatine controlled romm, since temperatine
vattation of the meastring tabe will imdicate a0 change
involume  After approvumately 2 months there has been

no apparent leakage,

Fyaluation of the cam detent s being performed
on the development model shown in Figine 1210 Nino
modifications as .« resalt of this test device have ahieady
improved the characteristios of this lock vnder repeated
operation, The hreakaw .y foree necessay to overcanie

these Tocks Tas been shown ta he very consistent,

A representative evlimder, paston, and mctenmyg pin
assemblv has been constincted lor evalnation of sprmyg
and dampmy charactenstios. Prelimmany testing was
conducted with the assembh unplated. Tt was tonnd
that plating was defintely vequined . so the mat Tas
heen plated and s cads for reteat

A\ representative seal fistire has heen constiacted

whichi will be sobyected to aepeated heat stenhzation
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Figure 120. Leakage test of shock absorber seal

eveles to determine the degree of degradation of seals
and silicon fluid from this process. This development
test will be tollowed by sterilization type approval tests

of prototy pe units,

Test fintures necessary for the performance testing of
the T 1 and § 2 shoek absorbers are nearhy completed
Huuhes personnel will be present tor the pertormance

acceplance tests,

The spring bellows temperature compensator shown
e Space Prozrams Stmmary No o 3712 has been
found to he undesitable, Pressinized gas is now planned
s the means of mantaining i constant prefoad. A free-
Hoating piston will be nsed to separate the gas and silicon
flind in the test modification: prototy pe models. How -
cver, a hight bellows will be nsed as a separating mem-
brane on the flight models to eliminate the possibility
of cas and loid intermnang past clastomeric seals. The
nugor design problem remaining is the construction of
the tapercd titanmm tubes A tabe which s rolled and
tision welded prior to heat treatment is now undergoing,

development testing,

5. Structural Criteria and Loads

Several sienificant changes have been made in the
structnal design cnteria sinee the issnance o the Pre
iy Sttactural Cotena and Loads docoment de-
sorthed i 8PS ST 12 NMarains of satety tor extremely rare
Lindime conditions have been redneed from 0 on vield
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Figure 121. Testing of shock absorber cam detent

stremgth and 250 on ultimate streneth to to requnement
on siekd and 100 on altunate, Faxtiemels vae conditions
are those in which the (nn)).ihlm\ ol ocemtence 1s Jess
than the Do levels of notmally distobuted avents 1o
addition, NI HDBR 5B matertal strenoth vabues
be used in place of “A7 values masmuch as TBT vadies
le close 1o the 3o vadnes wthe w0 condidence, the
aperating norm o Nurcogor chabibty anadyvses Both
these chuanwes pernit desizns of Tower sweraht than conldd

be realized by the oncinad reguinenients
) |

o order to avand nnmecessany weicht pt-lm]llm dristiy
Prom uncertanties tomternad or externa lowd estimation
or stress anavas a poliey soas wdopted o desian the
spacettarme and attacdhment bracketie tor the stmctural
tope apprasal test vebicde ta S5 ab the Toads prosented
m the crtcnn document 1o arder to prove the Tlow
werght” spacecrabt wdegpiate for 1007 of the Joads. § 2
will he stdyected to 1007,

foads Shonld at prave adequate. dynamie response, in

ot the externally apphied

ternad Toards and stress analvsis will be revised 1o show

this adedpiaey. Should ot pove madeguate. onlv the

fathng paats need be strenathened To s way unneces
sany stractinal weight will be climinated from Hight
spacectaft,

Computer Fowneetine Associates has satishactonily
completed Plise 1ot then analog compatar studies of
the dvnamic sesponse ab the spaceeralt, They are pres

enthy procecding swath Phase 11 acearding to a work

statenient which was modified 1o 1take aceonnt of the

results of Phase tVhe modifications invols e the indin et
meismement o dvoamie stresses i the spaceframe.
duect measurement hayime heen toand o be mipossible
beeanse of the complesity ot the spacecralt, The work
s progressing an schedulesand should be completed Iy
Loy 11962,
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6. Acoustic Test Plans

Plans e proseutly being formulated or subjecting
the S U vehiele to the noise ficld generated by a rocket
endine at the Rochetdsne test facility . The primary par-
pose o this testis to detetine stiuctural response to
avonntic evetation about 12 channels of acceeleration
ared steans s data will be takend, Conent scheduhine
v for Late ooy o canly Febroany 1962, Component
suppliens huve been invited o sabistitate: compartment
protots pes for the S 1 dumniy umts in order to detor-
mme on v no go basis the stetural adequacy of
their compartiment designs,

7. Lateral Vibration Test (S-1)

The s 1 lateral vibration test was completed on Novem-
heay 290 Tl
ared movntimg directions included in the detailed test

Data were obtamed tor all confisarations

plan The conficirations tested were: (10 S 1 mounted
edhv o the vbraton table, (20 S-1 mounted on the
shell imterconmect. and 030 51 mounted on the shell
wterconneet with dampinsg tape applied to the inside
of the mterconnect. Figures 122 and 123 show the S-1
test setup for the fiist two test confignrations, The hard
mount sadates gt desenbed by JPL Speeification
20 whieh specitios only one value of acecleration m
Cnven durection. AL thiee supports therefore are sub-
pected tathe same mpat. The second test configuration
was anttoduced ta show flesibility effects of the iter-

connect
]

Inpat vibrations fevel for most S-1 testy was
voeots contespondine to about ane-third  the 1PL
Speadication 30240 tequitement,

Dutereduction s been hegun and will be completed
we Lite December, 16T The followimg imformation is
Based on data anay 2ed 1o date
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Figure 122. -1 lateral vibration test (Configuration A-1)

Table 11 indicates the mavimum amphfication ratios
which ocennred during the hard mount tests and the
trequencies at which these mavima oceurred. The ac
celerometer locations and avis notation are defined in
Fige 124,

Fronre 125 hows masvunnme vibratony amphtude of
the ol panel dinmg resonance taken brom o« motion
prctine tor the second test conficiration, The panel
motion has w double amplitude ot 25 mches at the
bottormy and FS anches at the top, tor mput vibration
amphtude about one thivd the spectticd value, The plio
tograph also shows the chivacteristic colhsion between
solar panel and mast.. The white evlinder in the fore-
womnd 3y the simulated subsurtace sampler. Although
not of finad Hicht design, the ballast solar panel (proto
tpe modelantennac and mast used for S-1 testing,
tevertheless provide a0 good simudation. The ballast
hinee dlosely approvmmates the stiltness of a tlight item,
thoneh motion of the hinae is restiicted to one avis
compared with four moving wves on the theht item. The
shrond mtarterence and mast collision condition has
been chimmated by design changes made i the panel
antennae posthionet assetnbiv . (see Section 1.

Prame S et wommmher of falures ocennred. Welds
e two mast support tubes faded v ome the test o

wrane These tubes were tepaned and fanctioned satis
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Figure 123. S-1 lateral vibration test (Configuration B-1)

factonly thercatter, The mounting brackets for Cameras
s ond Eand an upper support tube tor the helium
tank also tailed at welds.

The shell mterconnect nsed in the second and third
test confivirations effectivel eliminated all response
above 10 cpss Tt cansed some greater amplifications in
the lower frequencies than appeared during tests ot the
first configuration.

The scotehitoam damping tape does not seem to alter
amphfication et resonance. \ preliminary. examination of
tetto rocket and top of interconnect acceleration data
at then resonant trequencies shows equal amplification
ratios for both the second and third test confignrations.
These resonant trequencies ocenr at about 10 ¢ps and
) eps,

S Toas now undergomg static structural tests. to he
completed in mid January 1962,

8. Spaceframe Stress Analysis

Fhe matin analvais prociam tor the spacettame has
been completed and sy being used eurtently . The solu-
tion vields axial torces, as well as bending moments and
shear rcactions, at the ends of the spacetrame tubes,
Deflections and rotahon of spacetrame joints are also
obtamed,

CONFIDENTIAL



CONFIDENTIAL

Table 11. Lateral vibration test results

CUMPARTNENT S

Accelerometer Maximum £ .
location” magnification [ ' TAVeNCY! Direction
number ratio ps
T ]
Retrorocket
Center of gravity k) 30 80 A2
Base (4) 48 80 A2
Compartment A
Center of gravity (6} 47 22 A
Center of gravity (24) 42 22 AS
Corner (25) 59 22 AS
Comportment B
Center of gravity 9 44 22 AS
Center of gravity (26} 54 75 Al
Corner 127 53 | 75 A3l
Antenna ring I
Parallel x oxis a2 162 ) 8 Ab
Parallely axis 113 270 | 8 A4
Drill motor 1
Parallel x oxis 4 125 J 12 A2
Parallel y axis 151 109 Al
Control sensor
Center of gravity . 30¢ 63 19 Al
1
Center of gravity  129. 35 19 A2
Corner 28" 48 19 A2
Soil analysis
Center of gravity 33 17 85 A?
Center of gravity | )
Hop: 3 69 0o | Al
Center of gravity ;
'bottom: 132 IR N 100 A
*See Figure 124 for location and anis notcehon |
i

The design condition of limar Linding has been in
vestigated, and some spacetrane tubes were tound to he
critical. In order to rectifv this atuation. two tupes of
change are bemyg investicated: cD sopport bracket
attach points tor the heaviest vits e hemg moved
closer o spacetrame joints where possible in order to
minimize beam column bendine stiesses, 02y additiona)
stiffening members are being added to geduce the effec
tive column length of the Tonger spacclrame membiers,
One portion of the matny proctam s being stieambned
to make the program more ellicient e handling laree
size problenms,

In order to make the analvas more tealishie, provisieom
Lias heen made to melade beam cobimimn eflects by chang
ing cortam cocllicients in the mattices, The solution also
has been modificd to acconnt tor varable moment ol
mertne of spacchiame members, The flevibality it s

being computed tor nse e dynanie tesponse studies,

CONFIDENTIAL

JPL SPACE PROGRAMS SUMMARY NO. 37-13

X 1t

LOMPARTMENT

26
Sl

ot
A

INTENNA

e %

Jap ¥
Bl _ReF)

CNTReOy
SEHSUH

LB OREAC
: s N i
A {3 Qj.. a - SO ANALYS
} 12 a4t

‘ \

Al T

At ' .
A4

Figure 124. Axis notation and accelerometer locations
{with channel numbers) for vibration testing
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Table 12. Summery of tensile test resuits for 7178-T6é aluminum alley sheet specimens

Uhimate tonsile Number of i { Siross Suposurs prior o tow
ost tomperature, . -8
Grovp sirese, pol specimens op concontration ’::“::: 10 “"“““'.".'
Shoot No, 1
A 21100 é -3 No
[ ] 89000 é =50 Yeos
Shoet No. 2
C 85900 3 8 Yeos
[ 88200 3 -3 Yeos
[ 06100 3 o Yeos
[ 4 89400 3 -30 Yos 4
[} 86900 ] o8 Yeos X
H 100 3 -5 Yos X
[} 87200 3 [ Yes X X
J 29700 3 -5 Yeos 4 X

The problem as a whole can be formulated matrically

Ml M:; 8 _ P ext

Mu M 2 0 - Mul
vhere M, is the stiffness matrix of framework assuming
pinned ends, M, is stiffness matrix of the framework for
fixed ends, and M,, and M, are interaction matrices.

However, each part can be treated separately and cor-
rected for interaction. Thus,

as

A‘]8=Pu-l+APu'
M0 =Mert + A M

The corrections are introduced as equivalent loads or
moments.

9. Material Properties Tests

Table 12 summarizes the tensile strength values ob-
tained from static strength tests of 38 specimens of
7178-T6 aluminum alloy, chosen as the primary struc-
tural material for the spaceframe. As indicated in the
table, the specimens were exposed to various combina-
tions of a hard vacuum and a simulated sterilization
temperature prior to testing.

The test section of the specimens was 0.5 inch wide
and 0.084 inch thick, and round holes were drilled in
most of the specimens to simulate rivet holes. All speci-
mens were then tested to failure at room temperature
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or at —50°F. Although addition of the hole caused a
slight decrease in tensile strength at —S0°F, all speci-
mens tested at —50°F showed a greater ultimate
strength than those tested at room temperature. Neither
the exposure to a hard vacuum nor exposure to steriliza-
tion temperature had a measurable effect on strength.
Elongation remained unchanged from rooi.: temperature
to —50°F. Apparently the large static strength degrada-
tion in 7178-T6 referred to in a test report by General
Dynamics, Astronautics Division, occurs only in the pres-
ence of large stress concentration factors, on the order
of 6.

Impact tests of 7178-T8 specimens at —50°F are cur-
rently being prepared. On satisfactory completion of all
static and impact tests at —50°F, full-scale tests of typi-
cal spaceframe tubes will be performed in order to
obtain statistical strength information for 7178-T8 tubing,
which will permit more refinement in design and anal-
ysis. These tests will encompass a range of loading
including bending, torsion, column, combined beam-
column, and fatigue of riveted joints.

l. Propulsion
1. Introduction

The spacecraft mid-course correction, attitude control
during main retro operation, and incremental velocity
corrections are accomplished by a liquid bipropellant
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vernier propulsion system. Main spacecraft deceleration
during the terminal phase of flight is performed by a
spherical solid propellant retro-rocket engine. Develop-
ment of the vernier system and the main retro-engine has
been subcontracted to the Reaction Motors Division
(RMD) and the Elkton Division, respectively, of Thiokol
Chemical Corporation.

2. Progress Summery
Outline and mounting drawings for all propulsion com-
ponents were released for integration into the spacecraft.

Design of the flight-type vernier system has been com-
pleted, and testing has started on flight components.
Initial tests were completed on the vernier system throttle
valve; it exhibited excellent repeatability and response
characteristics. Performance of the thrust chamber has
been below specification limits; however, recent testing
of improved chambers has demonstrated considerable
improvement in this area.

Two firings of the main retro-engine were made dur-
ing the report period. In the first test cracking of the
propellant grain produced an unacceptable pressure char-
acteristic and nozzle erosion was excessive, For the second
test, both head-end and aft-end stress relief boots were
used to rcduce thermal stresses in the grain, and this
engine was temperature-cycled and fired with no evidence
of grain cracking. A section of pyrolytic graphite was
placed at the throat of the nozzle to reduce erosion. Por-
tions of the insert were dislodged during the firing, but
total failure of the insert did not occur until so late in the
firing that ballistic performance was not adversely af-
fected. Although the results of this most recent test firing
were satisfactory from the viewpoint of che grain with-
standing thermal stresses, the total experience from the
five engines cast to date indicates that additional modi-
fication or environmental constraints may be required
to achieve the desired reliability for the flight unit. The
recent requirement for 17 pounds less propellant in the
main retro-engine can be accomplished without hard-
ware change, simply by loading less propellant ( shorten-
ing the grain at the aft end), although the full 17-pound
saving may not be realized because of possible need for
increased insulation material.

3. Main Retro-Rocket Engine

Five main retro-rocket engines have now been cast as
part of the “heavy-wall” phase of the development pro-
gram. Since the initiation of testing on August 25, 1961,
three engines have been fired, the most recent on Decem-
ber 8, 1961. Of the two remaining engines, one was

CONFIDENTIAL

thermocoupled for evaluating environmental tempera-
ture-time histories and the other was rejected because of
excessive cracking during thermal cycling. Two of the
three engines fired were defective in that either the pro-
pellant had cracked or separated from the rocket case.
The third engine, having stress relieving boots in both
the head and aft ends of the case, did not display these
defects on temperature cycling. Further evaluation will
be required to determine whether the design modifica-
tions incorporated in the third engine fired are entirely
adequate. Design of the flight configuration rocket engine
has been completed and fabrication of components ini-
tiated. Fabrication of the altitude test facility and the
horizontal test stand is nearing completion.

a. Rocket engine testing. Engine No. 2 was conditioned
to 20°F and fired at sea level conditions on October 186,
1961. This heavy-wall engine contained the 5.4-inch sep-
aration boot in the aft hemisphere as previously reported.
The separation boot did not provide the desired stress
relief to the propellant grain under 20° F temperature
conditioning. The propellant cracked at a single point
during conditioning at the junction of the star valley and
the pyrogen port. The location of cracking in engine
No. 2, as well as in engine No. 3, is shown in Figure 126.
The propellant crack and the space between the separa-
tion boot and the case insulation were filled with an
epoxy-polysulfide material at 70°F. The engine was con-
ditioned to the 20°F and fired using only the graphite
section of the attitude-type nozzle. The results, shown in
Figure 127, indicated that additional propellant surface
had been exposed. It was concluded that the increase in
burning surface resulted from a propellant separation in
the forward hemisphere. Analysis of the effect of such a
separation on chamber pressure and the post-firing condi-
tion of the engine case (hot spots) substantiated the con-
clusion.

Based on the performance of the second engine, two
additional engines, 3 and 3A, were cast using larger sep-
aration boots to relieve the stresses in the propellant
grain. (Figure 128.) Both engines employed a larger aft
separation boot and an additional boot was installed in
the forward hemisphere of engine No. 3A. Each engine
was subjected to temperature cycling between the limits
of 110°F and 20°F. Propellant cracking occurred in en-
gine No. 3 at the juncture of the star valley and the
pyrogen port during the first conditioning cycle at 20°F.
Cracking of the grain continued during the second tem-
perature cycle. Engine No. 3 was therefore rejected
without static testing. Engine No. 3A was successively
conditioned to 70°F, 110°F, and 20°F prior to firine .
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Figure 126. Propelient crack locations in Engines 2 and 3
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Figure 127. Performance of Engine 2
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Figure 128. Stress relief boots in Engines 3 and 3A
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70* on December 6, 196]. Based on preliminary test data,
the operation of engine No. 3A was satisfactory.

Temperature cycling of the thermocoupled engine was
instrumental in determining the extent of the propellant
cracking problem. The engine was cast without a separa-
tion boot and was subjected to temperature cycling,
primarily to obtain information for use in thermal analy-
sis. The aft propellant surface separated from the insula-
tion in a manner similar to that in engine No. 2. Subse-
quent conditioning to 20°F resulted in an increase in the
separation to a depth of approxinately 10 to 15 inches.
The separation was filled with liner material and tem-
perature cycling resumed. The temperature cycling pro-
stam on the thermocoupled engine has been completed
and now the engine is being subjected to the heat steril-
ization environment (257°F) to establish the tempera-
ture-time history required for thermal sterilization of
flight engines.

b. Flight-weight case. Design of the flight-weight case
and attachment fittings has been completed. Forgings for
the case hemispheres have been received and the thin-
wall spherical case is being fabricated. Completion of the
first flight-weight case assembly is anticipated in early
January.
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c. Case insulation. An asbestos-filled buna-N rubber
(Gen-Gard V-44) has been selected for use in the main
retro-rocket engine for case insulation. The insulation
material demonstrated acceptable performance with en-
gine No. 3A and offers a distinct weight saving for the
flight-type rocket engine.

d. Nossle. The flight-type nozzle design has been com-
pleted. Fabrication is nearing completion on the initial
nozzles for use in the altitude test program. Engine No.
3A was fired with the pyrolitic graphite throat insert
shown in Figure 128. Although there was excessive spall-
ing of the insert during the test, the pressure trace indi-
cated that the required throat area was maintained
throughout the firing. An alternate throat insert of tung-
sten-molybdenum has been designed and is also shown in
Figure 129, The pyrolytic graphite insert offers a weight
advantage over the tungsten insert, but selection of either
configuration will depend on future test results.

e. Propellant development. Minor adjustments have
been made to the PBAA propellant formulation to obtain

TUNGSTEN (98 %)
MOLYBOENUM (2%)

PYROLYTIC GRAPHITE
RINGS

INSULATED AFT

CLOSURE INSERT (CARBON ) CLOSURE

Figure 129. Alternate nozzle throat designs
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optimum physical properties for the rocket engine,
Samples of the propellant have been subjected to heat
sterilization with neghgible degradation of physical prop-
erties. Although present information is inconclusive, there
is some evidence that the propellant is sterile in the cast
and cured condition. A detailed investigation of self-
sterilization capability is in progress.

f. Separation boot. Separation boots have been sub-
jected to test in engine Nos. 2, 3, and 3A. The boot con-
figurations employed in engine No. 3A provided adequate
stress relief to the propellant grain and will be fully evalu-
ated in future tests. The material used in the separation
boot is similar to the material used for the case insulation.

g. Pyrogen ignition system, The propellant surface area
has been reduced in pyrogen ignition system and the
pyrogen throat area increased. High ignition pressure
during the first firing prompted this change. Performance
of the modified pyrogen was satisfactory in the test of
engine No. 3A.

h. Test facility status. The altitude test facility and
horizontal thrust stand design has been completed. The
Reaction Motors Division of Thiokol Chemical Corpora-
tion will fabricate the test stand and altitude facility.
The facility, shown in Figure 130, provides a vacuum
capability for pressure-altitude simulation at 70,000 feet
which yields a sufficiently low pressure to allow the noz-
zle to run full. The facility will be operational in late
December, 1961, and will be used for testing engine
No. 4 which will have the altitude nozzle configuration.

4. Vernier Propulsion System

The vernier propulsion system consists of three thrust
chambers, each of which is capable of providing any
thrust level between 30 and 104 pounds on command,
and the associated liquid propellant tankage and helium
pressurization system. The fuel, which is used to regen-
eratively cool the thrust chambers, is monomethyl hydra-
zine. The oxidizer is nitrogen tetroxide with 10% nitric
oxide added as a freezing point depressant. The system
is capable of providing approximately 50,000 pound-
seconds of impulse.

The major accomplishments of the report period were:
(1) Completion of significant areas of propulsion sys-

tem design integration with the flight model space-
frame.
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Figure IOO. Altitude test facility for main retre-engine

(2) Initiation of type approval testing on the helium
tank, the helium fill-release-dump valve, the
throttle valve, and the propellant on-off valve.

(3) Assembly of the first complete vernier system on
the test spaceframe. The following paragraphs pre-
sent details of the more significant items of accom-
plishment.

a. Propulsion system design integration. Design of the
propellant and pressurant-line routing and installation

hardware, and the propellant and helium tank mounts
was completed for the flight configuration spacecraft.
Close coordinati'n between the propulsion system sub-
contractor and Hughes Aircraft Company was main-
tained to derive the most efficient methods of routing
and installation.

b. Thrust chamber development. Thrust chamber de-
velopment in the RMD altitude test facility was initiated
on September 3. Testing to date has included evaluation
of the radiation-cooled flight nozzle extension, the test
configuration of the flight injector, the flight nozzle
throat, the test thrust chamber in conjunction with the
flight throttle valve, and the flight thrust chamber
assembly.

Early testing has indicated very satisfactory durability
and performance of the nozzle extension. Earlier prob-
lems with the joint between the nozzle extension and the
silicon carbide throat have been solved by flame-spraying
molybdenum on the extension where the joint is made
and grinding the deposited material to the correct
dimensions.
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Low performance data obtained during early testing
has dictated a change in the angular relation between
the oxidizer and fuel holes in the injector and a decrease
in the size of the fuel holes to raise efficiency to the re-
quired value. The pressure budget has been maintained
by reducing all operating chamber pressures, and the
thrust has been maintained by enlarging the nozzle
throat diameter. The reduction in chamber pressure was
also necessitated by lack of nozzle durability at the
maximum thrust level. Complete results from testing of
modified thrust chambers are not yet available, but early
indications show that the durability problem has been
essentially solved and considerable improvements in per-
formance have been indicated.

Testing of a heavy-duty thrust chamber in conjunction
with a flight throttle valve has been accomplished with
demonstration of excellent throttling response character-
istics. In addition, testing has been initiated with the
flight thrust chamber assembly, including the on-off valve
and throttle valve, to determine response characteristics
and the operating throttle range.

c. Component development. Component development
progressed to the type approval phase for many of the
units. The following paragraphs present the status of
each component.

(1) Helium tank — Development testing has been com-
pleted and type approval testing is near completion,

(2) Helium fill-release-dump valve — Development test-
ing has been completed and type approval testing
is in progress. The valve is attached directly to the

CONFIDENTIAL



CONFIDENTIAL

JPL. SPACE PROGRAMS SUMMARY NO. 37-13

BLADDER MATERIAL ¢
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Figure 131. Permeability of propeliant expulsion bladders

helium tank. Squib valves are used to activate re-
lease of helium to the propellant tankage or to
dump helium overboard in case of emergency. Heli-
um filling is accomplihed through a quick-discon-
nect which is integral with the helium valve.

Helium-regulator-check valve-relief valve package
— Development testing of the regulator section is
continuing. The O-ring seal in the second stage of
the regulator has been changed to a bellows seal to
provide the required regulation when the entering
helium gas is at a low temperature. Development
has been completed on the check valve and relief
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4)

(5)

valve sections and type approval testing is pending
evaluation of the regulator changes noted above.

Propellant tanks — Welding and X-ray inspection
techniques are being finalized and type approval
testing will be initiated' in the next report period.

Propellant expulsion bladders — An extensive pro-
gram to determine permeability and durability of
candidate bladder materials has been completed
and evaluation of complete bladders is now in prog-
ress. Results of permeability testing to date are
included in Figure 131. The tests emploved the
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N;0,/NO oxidizer in 72-hour runs at 100°* F. The
samples were 1.485 inch? in area. The bladders
themselves have an area of 400 inch2. The currently
favored bladder material is FEP Teflon impreg-
nated with a substance which reduced permeability
to a very low value, The bladder is to have a wall
thickness of 0.004 inch, and is expected to have a
permeability of less than 0.2 pound of nitrogen
tetroxide in 10 days.

(6) Propellant throttle valve — Development testing has
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o
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o
3
;
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been completed and type approval testing initiated.
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Figure 132. Progellant throttle valve flow
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Results of testing to date show excellent repeat-
ability and characteristics well within the Surveyor
requirements (Figs 132 and 133). The throttle
valve controls propellant flow by means of two
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Figure 133. Propellant threttie valve respense
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Figure 134. Propellant on-off valve opening response
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reeds (operated by a single torque motor) which
vary the effective orifice areas. Effects of pressure

variations are controlled by spool valves, which are
enclosed in the same body as the reeds and orifices.

(7) Propellant on-off valve — The on-off valve is a
solenoid-piloted, helium-actuated unit which uti-
lizes a linked-poppet arrangement to ensure proper
propellant flow sequencing. Development testing
has been completed and type approval testing has
been initiated. Figures 134 and 135 present typical
valve opening and closing response characteristics
and indicate that the 75-millisecond response re-
quirement for thrust initiation and shutdown will
be met.

d. Complete system development. Assembly of the

complete vernier propulsion system on the first develop-
ment spaceframe has been completed and testing of this
assembly is expected to begin early in the next report

- O 030 m-—r\

OXIDIZER OUTLET PRESSURE

FUEL OUTLET PRESSURE

A

lap-0 046 sec

N

PRESSURE ——&=
CURRENT ——»

SOLENOID CURRENT

YY)
TIME, sec

o 0.04 0.2

Figure 135. Propellant on-off valve closing response
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period. Firing tests will be accomplished in the RMD
facility under pressure conditions simulating altitude in
excess of 100,000 feet.

e. Ground support equipment. Requirements for the
ground support equipment have been finalized and nego-
tiations for procurement are in the final stages. Approxi-
mately 20 weeks will be required for procurement and
assembly of the equipment, a period which will permit
sufficient time to develop the systems and train personnel
in their use.

J. Spacecraft Vehicle and
Mechanisms

1. Spocecroft Vehicle

a. Configuration. The final configuration of the T-4
and SC-1 spacecraft has been determined. The general
arrangement is illustrated in Figure 1. Figures 136 and
137 represent this design pictorially. The significant
changes which have been incorporated since the preced-
ing report are as follows:

(1) To provide greater thermal isolation between the
vernier engine and the high-resolution telescope and to
facilitate the routing of the wiring harness to Compart-
ment A, the telescope was moved to the space formerly
occupied by the soil mechanics experiment.

(2) The soil mechanics experiment was then moved
into the No. 1 sector near leg No. 2.

(3) Relocation of the high-resolution telescope per-
mitted improvement in the configuration and installation
of Compartment C, which houses those electronic com-
ponents that are not required to operate during the lunar
night. This change in turn improves thermal control of
Compartments A and B.

(4) Television camera No. 3 was raised and canted
outward 13%; degree to enable its use in observing the
action of the surface sampler and the instruments on legs
Nos. 2 and 3.

(5) The magnetic susceptibility experiment was relo-
cated to a position on leg No. 3. This location eliminates
the need for an extension boom and therefore reduces
weight and complexity.
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Figure 136. Spacecraft pest-landing configuration
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Figure 137. Spacecraft post-landing configuration
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(8) Detailed results from omnidirectional antenna
coverage tests on the quarter-scale model suggested an
orientation change, and consequent repositioning of these
antennas allows a change in the deployment method
which reduces weight. The antennas are now mounted
on rigid supports which swing out from the bottom
member of the spaceframe (Fig 136).

(7) The previous configuration release r~flected a re-
duction in planar array/solar panel interconnecting arm
length and an attendent weight reduction of approxi-
mately 4 pounds. A new gimbal support system (de-
scribed later in this section) which will further .educe
weight has been adopted. This system results from modi-
fication of the previous one by motorizing the elevation
motion and eliminating the declination motion. The new
arrangement is shown in Figure 138,

The design of the thermally controlled Compartments
A and B has now progressed sufficiently to allow release
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~SCIENTIFIC THERMAL

AUXILIARY

OUTBOARD VIEW COMPARTMENT A

of the thermal test mockup MT-1 for fabrication. Fig-
ures 139, 140, and 141 illustrate the modular arrangement
and structural details of the equipment compartments.
Compartment B is smaller than Compartment A, but has
the same type of construction.

ELEVATION
AXiS

W‘mu

ROLL AXIS

Figure 138. Planar array/selar panel assembly
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Figure 139. Compariments A and B
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ENGINEERING
MECHAN| SM
AUXILIARIES

SURFACE SAMPLER

AND PROCESSOR
AUXILIARIES

The central thermal tray on which the electronic com-
ponents are mounted also constitutes the main load-
carrying member. It consists of two 0.081 inch 7075
aluminum facing sheets bonded to a central honeycomb

S aeoPYSICAL core for rigidity. The upper edge of this panel member
AUXILIAMES is attached to the inner thermal switch support plate and

is further stiffened by diagonal braces.
eeﬁxmw Side loads produced by the components under accel-
eration are carried through the upper switch support
ACOUSTIC plate into the spaceframe through diagonal struts made
3“.::"‘:_‘“ v Xﬁﬁ?ﬁ:n.gs of Fortisan-reinforced epoxy resin. These struts must
AUXILIARIES —Tof sussuarace serve as thermal insulators, since they. bridge from the
AUXILIARES spaceframe across the mylar super-insulation (0° F
inside to a — 300° F external ambient temperature dur-

ing the lunar night). Vertical loads arc transmitted into
the lower spaceframe member through a thermal insu-
Figure 140. Compartment C lator pylon also made of Fortisan-reinforced epoxy resin.
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Figure 141. Construction of Compartment A
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All internal heat is conducted through the thermal
switches, each to its individua! radiating plate.

Super-insulation consisting of layers of 0.00025 inch
mylar sheet is provided between the lower thermal
switch plate and the upper switch plates and in the
space between the inner and outer glass-reinforced resin
shells of the lower enclosure. Edges of the sheets over a
reasonable length are accessible at all mating edges and
at entry points for wiring and structural supports to
allow for interleaving of the mylar during the assembly
process. During assembly, the upper supports hold the
unit while the lower cover is being installed. After
assembly and interleaving, the access and retaining band
is installed.

b. Wiring harness design. Additional testing of the
wiring harness has included the special problem of serv-
ing the 15-foot telescoping hooms. Three methods have
been investigated.

One method involved the use of flat, accordion cable
stowed in a magazine which allowed only one fold to be
withdrawn at a time (Fig 142). Tests
using an actual boom which was pneumatically driven
indicate that this method can be employed for instru-
ments with electrical requirements allowing the use of
flat cable. Tests are also in process on cables consisting
of conventional wires for serving the booms. A third
method uses flat tape cable, doubled end-to-end and
wound on a reel (Fig 143). The reel is fixed to a cen-
tral section of the boom. As the boom extends, the cable
feeds out fro:: the reel in opposite directions. This
method appears to be highly practical, uses the minimum

conducted

o RETRACTED

b. EXTeNDED

Figure 142. Testis of accordian-type boom cable
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a. RETRACTED

Figure 143. Tests of reel-wound boom cable

length and weight of cable, and employs a reel of very
lightweight construction.

A wire type has been selected for harness use, based
on a study of wire types which are compatible with the
transit and lunar environment. The most promising type
is a wire having conductors of Alloy 63, a thin-wall
fluoroethylene propylene teflon primary insulation, and
an outer coating of Surok (Dupont). Tests show that
this wire (in 24-gage AWG) is superior ‘n strength,
flexing, abrasion resistance, and cold flow to 22-gage
AWG copper wire with 600-volt teflon insulation. In
cases where strength requirements determine the mini-
mum wire gage (likely to be more than 50 of the total
cabling), a wire weight saving of nearly 655 is esti-
mated through use of the lighter gage wire.

c. Structures. The landing gear has been redesigned to
reflect torsional load reductions at the foot joint. A weight
saving of 5 pounds results from a reduction in foot pad
foam density from 8 to 3 h/ft?,

Detailed design of scientific instrumentation attach-
ments to the landing gear and the gear release mechan-
ism has been completed (Figure 144).

The design of the crushable blocks, which are a part
of the landing mechanical system, has been selected and
is shown in Figure 145. The 5052 aluminum honeycomb
block contains 409 individual *s inch hexagonal cells
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divided by walls 0.001 inch thick. The block, which is
7 inches high by 7% inches minimum distance across its
hexagonal cross section, is bonded to a %s inch thick
aluminum honeycomb sandwich attached by six screws
to the spaceframe. A phenolic-resin fiberglass cover will
protect the crushable blocks from the heat of the vernier
engines.

ANCHOR BRACKET

d. Special test vehicles. Spaceframes S-4 and S-5
(Fig 148) were shipped to Reaction Motors Division of
Thiokol Chemical Corporation on October 11 and No-
vember 15, respectively, for vernier propulsion system
tests. Drawings have been released for the fabrication
of $-8, the third spaceframe, also for RMD use. Fabri-
cation of the spaceframe for the drop test vehicle (T-1)

PENETROMETER PN PULLER GRACKET

ACOUSTIC SENSOR PIN PULLER BRACKET

PENETROMETER AND ACOUSTIC

SENSOR PIVOT BRACKET

ROLL CONTROL
JET BRACKET

Figure 144. Landing gear assembly
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is in process, and the drawings tor its ballast (simulated
subsystems ) have been released.
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Figure 145. Crushable block in landing system
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Northrop  Corporation, Norair  Division, has  been
awarded o subcontract to fabricate landing gear (ex-
clusive of the shock strut) for test vehicles T-1, 1.-1, 1.-2,
M1 and S-2. The fullseale antenna test model MA-2
(Fig 1471 has been completed by Pacific: Miniatures
Company.,

2. Mechanisms

a. Extension booms, Developmental models of the
cold gas actuated extension booms for the omnidirec-
tional antennas, radiation detector, and surface density
cvpetiments have heen fabricated (Fres 148 throngh
1560, A developmental test fisture tor determining ex-
tension v elocity, aceeleration, and friction has heen com-
pleted B 157 50 000 reciprocating
motion of a representative boom section test specimens
have been completed ina vacoum of 107

()(Ii‘\ l)‘

mm He with-
out flaking of the molvhdenum disulfide Jabricant or wall-

ing of the metal surfaces. Vacuum testing to determine

Figure 146. Test spaceframe S-5
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quantitative frictional coefficient values is continuing
on this dry film lubricant.

A simplified, nontelescoping boom arrangement for the
omnidirectional antennas is being actively investigated
in parallel with the present design. Some weight saving
and reduction in complexity are offered by the new
design,

b. Antenna/solar panel positioner. The high-gain an-
tenna and solar panel positioner has been further rede-
signed with a substantial weight reduction. The number
of controllable axes has been reduced from five to four
by the elimination of the declination axis drive. The
“one-shot” torsion spring drive in the elevation axis has
been replaced by a controllable bidirectional drive me-
chanism. The geometry of the gimballing structure has

also changed favorably with respect to weight and load-
ing by lowering the solar panel hinge point, permitting
a reduction in the length of the gimballed support struc-
ture. The prototype models will be built to the new
design, while the developmental test model is being

o

Figure 148. Omnidirectional antenna stowed

Figure 147. MA-2 fyll-scale antenna test model
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Figure 150. Surface geophysical experiment stowed Figure 153. Surface geophysical experimer: lowered

Figure 151. Surface geophysical experiment unlocked

Figure 152. Surface geophysical experiment extended Figure 154. Radiation detector stowed
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fabricated to the previous five-axis control design, Those
details and subassemblies of the prototype design which
are different from the developmental test model will be
individually tested prior to final fabrication and test of
the complete prototype model. The thermal test model
positioner shown in Figure 158 is generally representa-
tive of the developmental model now being fabricated.

An carly vibation test model of the positioner is shown
in Figure 159. This model has undergone vibration tests
on Vehicle S-1 which indicated that insufficient clearance

Figure 157. Extension boom test fixture

166

Figure 158. Antenna—solar panel positioner thermal
test model

existed between the panels and the mast and shroud.
These clearances have been increased in the new proto-
type design by the shift in the solar panel hingeline and
a change in the high-gain antenna stowage angle. A
structural test specimen of the solar panel hinge support
was statically loaded as shown in Figure 160. The
specimen was loaded to destruction and failed at 145
of design load (Fig 161 at the predicted location.

A test fixture has been fabricated to test the gas-
operated  elevating mechanism, Tests are being con-
ducted to determine the magnitude of seal friction
existing in the clevating mast sections. Preliminary re-
sults indicate that the design is compatible with the
high-pressure gas source specified for this application
when operated under ambient conditions.

Several motors have been tested for torque and re-
sponse rates to determine the type of motor most suitable
for operating the planar antenna and solar panel. As a
result of these tests, an additional quantity of rotary
solenoid motors, modified for vacuum operation, have
been ordered.
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Figure 160. Static load test of solar panel hinge support

Figure 159. Antenno—solar panel positioner for
Vehicle $-1 vibration test

c. TV mirror assemblies. Fabrication of a develop-
mental model TV mirror assembly, providing tilt and
pan capability for the television cameras, has been
completed (Figs 162 and 163). Preliminary testing re-
vealed the need for a minor modification of the elevation
drive unit. This has been accomplished and develop-
mental testing will resume shortly.

The high-resolution telescope mirror assembly will be
basically the same as that for the television cameras, with
the exception of the gear reduction ratios on the drive
units and the reduced size of the elliptical front surface
mirror. Developmental testing of the complete television
mirror assembly in conjunction with subassembly testing
of the telescope mirror drive unit and telescope mirror
mounting hardware will provide test data applicable to
both the television and telescope mirror assemblies.

In order to check and calibrate the stepping accuracy Figure 161. Failure of solar panel hinge support
of the TV mirror drive unit, a special test fixture (145% load)
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Figure 162. Developmental model of TV mirror drive
in operating pesition

consisting of two precision rotary index heads and an
autocollimator is being fabricated. High-vacuum envi-
ronmental tests are scheduled for the worm and wheel
antifriction coatings. The cenvironmental evaluation of
potentiometers for positioning indication is continuing,
Tests have been completed on drive motor torque and
response times at temperatures of 75 and  265°F  at
atmospheric pressure.  (Figure 164 shows  representa-
tive test data). These motors have been modified for
vacuum operation and will be subjected to high-vacuum
environmental operating tests.

d. Subsurface sampler. The subsurfuce sampler obtains
samples from varions depths down to 5 feet beneath the
lunar surface and delivers the samples to the sample
processing system. The sampler consists of a drill head,
drill shank, bit, dump mechanism, vertical drill drives,
supporting structure, subsurface geophysical probe Tow-
cring drive, and jettison device.

A full-scale breadboad model of the subsurface sam-
pler has undergone simulated operational tests in a H-foot
diameter by 10-foot Tong ultrahigh v test chamber
(Fig 163). The tests were performed to verity the

Figure 163. Developmental model of TV mirror drive
in stowed position

performance of the developmental model. The entire
mechanism was operated at an angle of 60 degrees from
the vertical because of the limiting chamber dimensions
(Fig 166). This arrangement had the advantage of re-
ducing the gravety force acting to discharge the sample
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figure 164. Typical stepper motor test data
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Figure 166. Subsurface sampler high vacuum test

Figure 167. Vacuum chamber pressure in subsurface
sampler test
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Figure 168. Temperatures in subsurface sampler test
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Figure 169. Pulverizer size comparison
by a subcontractor. A valve was added to the drill bit
entrance port to prevent premature sample discharge.

A dust shield has been designed to prevent the dust
from coating the drill and spacecratt during the drilling
operation. Carboloy 55A was used for the drill bit tooth

170

Figure 170. Crushing test of rock particle

material during the test because of its availability. Car-
boloy 4A. which is tongher and less brittle, is to be
substituted for later models. Also, drill tooth impact
pressure is being reduced by increasing the drill tooth
radins from 0.015 to 0,030 inch. The developmental
model, incorporating the design features described, s
heing fabricated and is scheduled to be completed by
March 101962,

e. Sample processing system. Pulverizer and sample
transport breadboad tests are almost complete. Prelim.
inary design information from these tests are being re-
flected in the developmental model, the fabrication of
which has begun. A mockup of the flight pulverizer,
which is very similar in shape to the developmental
model, is compared with the breadboard in Figure 169.

The breadboard pulverizer tests, conducted in a 10 4
mm Hyg vacoum, have shown that: (1) The pulverizer
is capable of reducing 4 cc of Harris gran.te to less than
200 mesh in less than 43 seconds. (2) The simultaneous
pulverizing and filling of the sample cup method using
200 mesh sereen was suceessful,

To determine the effect of dust or crushed rock spilled
on the rails of the sample transport system, tests were
conducted with the transport breadboard in atmosphere
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B
Figure 171. Surface sampler breadboard extended

and in 10 *mm Hg vacoum. It was shown that for a
given clearance between the sample cups and  teflon
rails, the cups would glide over small particles (< 200
mesh), push along large particles (7220 mesh) and
jam on intermediate size particles. The teflon rails were
too soft and therefore applied too low a pressure to
crush the intermediate size particles. Hard-coated alu-
minum rails and reduced  contact area between  the
cups and rails are now being tested as solntions to this
problem,

To determine the force reguired to crush particles,
crushing tests have been performed (Fig 1700 A foree
between 3 and 6 pounds was required to crush quarts
particles varving between 0,032 to 0016 inch in aiameter
and a foree of £ to 8 pounds was required to erush granite
of the same size. Particles greater than 0.0 inch could
not be crushed with a 20-pound load. Particles of this size,
however, could be readily pushed away by the sample
cups,

f. Surface sampler. The surface sampler consists of a
scissors-type extension mechanism capable of being ex-
tended, elevated, and rotated with motor  drives. A
motor-operated  clamshell s located at the end of the
extension arm. The mechanism will be capable of obtain.
ing a 23-ce sample of loose soil from the lanar surface
by means of scraping, grasping, and depositing it ecither
into the sample receiving measure or directly into the
gas chromatograph.

A breadboard model of the surface sampler is shown
in Figures 171 throngh 173, This model is complete eveept Figure 172. Surface sampler breadboard retracted
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for operational motors and gearboxes which are mockup
units.

Tests will be conducted on this unit in a high vacuum
and will verify such engineering features as teflon-glass
sleeve bearings, friction pinned joints, epoxy bonding
of assemblies, and precision of allowable manufacturing
tolerances. The effect of lunar dust on the bearings will
also be checked.

The motors selected for test of this breadboard model
are pulse operated, bidirectional, salient pole, program-
med logic type stepping motors, rotating 15 degrees per
step. The logic for these motors will be packaged separ-
ately from the motors and will be programmed for 450
steps per second. Tests will be conducted to check: (1)
the design ratios of the gearheads and the power output
of the motor drives; (2) the precision and manipulation
ability of the device: (3) the ability to manipulate the
unit on the basis of information from TV operation

Figure 173. Surface sampler breadboard clamshell

and by positioning potentiometers; and (4) the manip-
ulation time required to obtain a soil sample by scrap-
ing, grasping, and depositing the sample in the sample
receiving measure.

K. Reliability and System Test
1. Reliability

a. Spacecraft reliability estimate: flight and landing
phase. The following is the second estimate of the reli-
abilities of the spacecraft system and its subsystems,
The spacecraft reliability for the flight and landing phase
is defined as the probability that the spaceeraft, after
successful injection, will not malfunction to preclude

172

soft landing successfully on the prescribed portion of
the moon.

The functional requirements of cach subsystem neces-
sary for spacecraft system success have been synthesized
into a system mathematical model into which the current
values of subsystem reliability estimates have been en-
tered and provide the basis for this prediction. It is
currently estimated that there is an 8077 probability that
the system reliability will be greater than 0.69 during
the flight and landing phase of the spacecraft. It is fur-
ther estimated that there is a 2077 probability that a
reliability greater than 0.87 will be achieved. The mean
reliability for the system caleulation is estimated to be
0.78.

Table 13 contains an estimate of spacecraft reliabil-
ity which is appraised according to responsible equip-
ment design areas at Hughes Aircraft Company. The
svstem estimate corresponds to that synthesized from the
following system reliability equation for flight and
landing:

Pi " Prp Py Pres PrsPes Pos Pre P Re

where:

P, — probability of flight and landing
Pxy = RF communications
P, decoding
Py -= flight controls
Py - clectrical power
P« -~ propulsion engines
P,y - essential data measuring and
processing
Py -- thermal control
Prq - landing gear
Ry = interconnections, structure, separation
mechanisms

One of the above terms, expanded and evaluated for
the sake of illustration, is shown below. The other terms
were similarly evaluated.

Prp f")m,. Pm‘,, P;.',- Pl.",. Pr,. Pr_,. Py, P,\',. P"'z)

where:
Pio,  omnidirectional antenna - - 0.9998
Py, receiver = 0.9955
P, transmitter = 0.9918
Pp. planer array == 0.9990
P, transponder circnitry 0.9981

i 1.0
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Table 13. Reliability estimates for the flight

and landing phose
Rellubility
ipmoent
fav Lewer limit Upper Imit
0.69 0.87
Flight contrel greup 078 0.95
Attitude reference sensors, control equip-
ment, roll vernier actuator, retro burnout
sensor, flight control accelerometer,
attitude jot system
Propulsion group 0.03 0.96
Vernier engine system, retro-rocket engine
Electrical power grouvp 0.999 0.999
Solar panels, batteries
Eloctronics grovp 0.979 0.997
Power system control, d ivers,
Orgmpondon, tolomatering transmitters
“M'.' d A ) s, (= |
signel processing circvits, roders (altitude
marking, doppler velocity, eltimeter),
television No. 4 electronics
Vehicle grovp 0.97 0.98
Harnets and interconnections, retro-rocket
separetion, vehicle structure, londing gear
grovp 0.995 0.999
Antenna end seler panel drive, vehicle
.MM”‘; 012 No. 4, .r [Py 9
devices, optics
Thormel contrel grevp 0.99 0.999

There are 512 possible combinations of good and bad
elements of the RF communication system. By consider-
ing all of the possible effective combinations and com-
bining like terms, the following expression for Py is
obtained (P means the probability of the function not
occurring ) :
Prr=P.io® R’ Pr" Ppy Ps' + 2 P40* Px' Pr* Pps* Py Ps +

2P0 Pg* Py* Py Py Pao + 2 Pyo* Py Pr* Py Py Py

+ 2 Pao* Pi* Py Py Py Py

42 P40 Pi* Pt Pp Py Pao Py

~+ 2P4¢' Pg* Py Ppy Pg Pr Py

+ 2Puo Pp Py Ppy Py P4+

«« < higher orders == 0.998

When the above equation is evaluated it can be shown
that the higher order terms are negligible (those con-
taining more than one P) when the individual P values
are higher than 0.29, which is the case for this system.
The nonredundant term Pp; becomes the dominant one.
However, further study of terms containing P, may be
found to have some effectiveness which will cause an
even closer approach of Py to unity.

The increased reliability shown in the propulsion
group reflects the optimism of RMD in achieving their

CONFIDENTIAL

required reliability goal based on the more detailed
analysis of the proposed vernier engine system. A typical
failure mode analysis chart submitted by the vendor is
given in Table 14. Each major item in this subsystem
has been so analyzed by the vendor.

Reliability of the electronics group similarly shows
increased capability because of new information on a
vended system (Ryan altimeter and doppler radar). It
was learned by more detailed analysis of potential fail-
ure modes that unreliability due to the radar on-off duty
cycle was being weighted too heavily in the subsystem
estimate, Appropriate changes in the calculations re-
flect the results of this reappraisal.

Data concerning the tradeoff of reliability versus
weight are being accumulated to determine where reli-
ability and weight can be optimized. By the calculus
of variations, it can be shown that the aR/6W values
should he identical for all series elements in the optimum
system. It will be approached by methods such as the use
of redundancies and derating where such choices are
still available.

b. Components and materials. An investigation has
been made to obtain information for selection of wire
types which have minimum weight and thermal con-
ductivity and will function reliably in the lunar environ-
ment. The assumed environment is a hard vacuum
{< 10-* mm Hg) with temperatures from —300 to
260°F. Conductors, insulation, and jacketing materials
were examined.

A temperature of 260°F in a hard vacuum produces
substantial outgassing in many compounds commonly
used for wire insulation. Very few insulating materials
have any flexibility at —300, while 260°F exceeds the
maximum allowable operating temperature for many
insulating materials. Consequently there are only a lim-
ited number of materials worth considering. Thus far,
TFE Teflon, Surok, and irradiated polyethylene have
been tested.

Conventional conductors would be expected to perform
satisfactorily under lunar conditions. Thermal conductiv-
ity, weight, and flex life are therefore the determining
factors in conductor selcction. Jacketing compounds
should be subject for the most part to the same limita-
tions as the primary insulation materials.

To simulate lunar temperature and pressure, a pre-
liminary l-inch diameter glass test chamber was con-
structed and used to obtain initial temperature rise
versus current data on candidate wire types. Subse-
quently a larger chamber capable of testing cable as-
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Table 14. Typical fallure mode analysis chart

Preject 8701

Drawing Number 313702 C

L Compenent Name: Dval Prop Valve Assambly

DESIGN RELIABILITY AUDIT
FAILURE MODE ANALYSIS

ESTIMATED COMPONENT RELIABILITY = Re = . [v—e{t}r{e/t}]) = r, [e{r}]) =

0.9986

Basis for estimate of Possible metheds
Folled Description and/or reasons Component Inflvence
Part for assumed failure follure mede on system P (P (F/R)] P (M) "*.“:““ “‘l. o :;wm'
(1) Selenoid |(a) Coil burns out Propeliant valve | Mislon require- | 0.0001 0.9999 | Monufacturer's estimote
Vaive cannot be opened.| ments may not and engineering
(irem 17) be accom- judgment.
plished.
b) Open circvited con- Same as 1 (a). Same as | (e). | 0.0001 0.9999 | Engineering judgment

nactions on the elec. ond estimate.

trical connector due to

oxcessive shock and/or

vibration.

Ke) Sticking of plunger end |Erratic prop valve | Some as 1 (a). - - = | Temperoture extremes
poppet asembly in operation. oncountered will net be
body due to tempera- greot enough to couse
ture extremes. this type of feilure.

(d) Sticking of plunger and {Same as | (c). Same o3 1 (a). | 0.0001 0.9999 | Engineering estimete.
peppet assembly due The helium tenk filter
fo foreign matter. will aid in the minimize-

tion of this melfunction.

Ke) Seleneid velve body Erratic propelient | Same a3 1 (@). | 0.0001 0.9999 | Manufacturer’s estimete
domage (crecking, velve operetien end engineering
distortion, etc.) dve to  [due to loss of He judgment.
oxcossive vibretien gos end/or stick-
ond/ or shock. ing solenoid volve

plunger assy.

(f) Deterieration of sole- Exposure time to these
nold velve body dve to environments is not leng
pace environments —_—— -—— - - — | enough te detrimentelly
(i.0., radistion, vetvum). affect the part.

P{f.} Probability of Occurrence of Feiled Part

P{F/t.} Probebility of Compenent Failure if

Part Failure Occurs
P{R.} =1 — p{£.) P{F/4)}

semblies as well as single wircs was built, This test
chamber consists of six 6-inch diameter by 18-inch long
pyrex pipe tees (Fig 174). Electrical leads are brought
out through flange plates on the tee sidearms. Each sec-
tion is wrapped with nichrome wirc and asbestos insula-

tion to provide the necessary clevated environmental

temperature. A separate variac controls the power input
to each 18-inch section. The pumping system consists of
an NRC fore pump and an Eimac pyrex diffusion pump
using DC 704 oil. A Veeco ionization gage is used for

174

pressure measurements. Pressures of 2 times 10-® mm Hg
are readily achiev d. Wire and environmental tempera-
tures are monitored by thermocouples. For most tests
the average-temperature deviation on the inside of the
chamber wall was =+ 3°F.

Room temperature flex tests are being run to make a
relative comparison of different conductor materials,
These tests are performed on a motor-driven reciprocat-
ing device which moves the upper end of the wire
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through a 180 degree are while the lower end is con-
strained between two 0.103-inch diameter horizontal
mandrels. The insulation is stripped off the lower end of
the wire, starting just below the mandrels. A 200-gram
weight hanging on the conductor maintains even tension
and drops to the table when the conductor tails. Flex
testing at - 300° 1 will be conducted in a fisture presently
being built. Preliminary tests have been conducted by
simple immersion of the sample in o dewar flask filled
with liquid nitrogen.

To assist designers in selection of wire, data have been
obtained on temperature rise versus current for several
wire types and are presented in Figoure 1750 Data on
additional wires will be made available as tests are .
Both Alloy 63 and copper conductors appear to satistac-
torily withstand the exposure to lunar environment as
expected.

Rough estimates of the relative wmount of outgassing
from each type of insulation were made by observing
the degree and duration of changes in the system pres-
sure as wire temperature increased. Table 15 summa-

Table 15. Outgassing from wire insulation

Temperature
i 5 at which Temperature

tnsulation Relative amount | gyygassingis| at which
type of gossing Iy ) R

*F fails, °F
TFE teflon Slight 575 >700
Surok Moderate 500 550
lrradiated polyethylene Substantial 380 520

rizes these observations, Surok is a trade name designating
FEP teflon coated with a maoditied polyamide lacquer
(made by Dupont) which provides greatly inereased
abrision  resistance, heat resistance, and  cut-through
strength, thus permitting the use of 300-volt, instead of
600-v olt, insulation thickness. A comparison of the abra-
sion, heat, and cut-through resistance of Surok and FEP
teflon is given in Table 16,

TFE teflon and Surok do not crack when flexed severely
(180 degrees) at 3000 F; irradiated polvethylene, how-
ever, will fracture with only slight (15 degrees) flexing at

300°F. Table 17 shows the relative weights of the

Figure 174. Temperature-vacuum testing of cable assemblies
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various wire types tested. From this table, it is apparent
that Surok offers a weight saving comparable to irra-
diated polyethylene.

Results of room temperature flex life tests are shown
in Table 18. Thus far, samples of Alloy 83 have been
available in 24 AWG only. Samples of 20 through 26
AWG are on order. Alloy 83 has approximately 807 of
the conductivity of copper.

Based on the partial test data available, Surok insu-
lated Alloy 63 is the preferred wire for Surveyor. Teflon
insulated Alloy 83 is equally satisfactory except for its
greater weight. Irradiated polyethylene is of questionable

test racks, The specific requirements of each are de-
scribed below,

UHF receiver. The UHF receiver (Fig 176) is de-
signed specifically to simulate the DSIF receiver functions
during spacecraft testing. This unit will receive signals
from the spacecraft transmitter and provide frequency
conversion and selectivity such that output IF signals of
60 mc at bandwidths of 3.3 mc (3 db)
and 2.4 mc at bandwidths of 10, 20, and

Table 16. Comparisen of plain and coated teflon

suitability due to its outgassing tendencies and its lack . Uncoated soret
of flexibility at —300°F. 24 AWG (%) is the minimum arameter FIP toflon ure
recommended wire size for Alloy 63 wire. Copper is also Abrasion (test conducted
a satisfactory conductor; however, to obtain the same per NAS-703)
_ﬂex hfe. a:dat_ly given size O:i.Alloy 63, Onf.‘ gi}ge size l.argcr No. 20 solid conductor, inches of tape 2.7 366
is required in copper. Studies are continuing and infor- No. 22 stranded conductor, inches of tape 27 a7
mation will be provided as it becomes available.
Cut-through resistance (Underwriters
2. SYS'.M Test Laboratories test)
a. System test equipment assembly (STEA) design. Slow compression test, pounds fo cut Y 9.1
The functional requirements for the STEA UHF trans- threugh
mitter and receiver have been developed. This equip- Penetration test ot room temperature, 54 100
ment will comprise four 7-inch rack panel assemblies and pounds to cut through
will be housed in the STEA transmitter and recciver Hot soldering iron test Meits through | No cut
and shorts  |through in
outin2to |t hr when
3 sec when  [loaded with
loaded with |3 Ib weight
700 " 1 Ib weight
! /
/
600 ‘. ,// Table 17. Wire weight comparison
/
/
/ / Total woight of conductor ond
/ / insulation, lbe/1000
v / ’ /! 12-mi wﬂm:'m
i 500 | . ./ / Wire size 10-mil il | irradiated he/1000 #¢
1 o T roflon | Surok | poiy [*™'
2 ot /
b4 26 AWG TEFLON / / -eoawe] othylone
w . L p . Aws}
2 4 ,/‘ 20 AWG (19/32 in) | 8.55 Y 44 3.9
w 400 P . 22 AWG (19/34 in) | 392 3.02 29 2.42
* i 24 AWG (19/38 in) | 277 2.03 20 1.56
oz 26 AWG (7/34 in) 197 (K] 12 oss
POLYETHYLENE 28 AWG (7/36 in.) 1.47 0.92 0.9 0.57
300 | Ve '
e -~ am—— TESTED IN 1-n CHAMBER
= T T TESTED e n CHAMBER Table 18. Flex life test results
i
200 0 o 25 5% 20 Ceonducter Cyclos to failure
CURRENT, amp Alloy 63, 24 AWG (19/36 in) 830
: in. 594
Figure 175. Temperature rise in various conductors Copper, 24 AWG (19/36 in.)
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Figure 176. UHF receiver for system test equipment assembly

30 ke will be available at the command and data
handling console input for demodulation. The receiver
will provide phase-coherent detection of the spacecraft
transmitter signal which will facilitate frequency stability
measurements and transponder evaluation.

Among the requirements that have been cstablished
for the UHF receiver is a frequency range of 2200 to
2300 mc, providing flexibility to add frequency
channels for possible program expansion. A choice of
three crystal frequencies may be sclected by front panel
control. The local oscillator will be capable of external
voltage tuning over a range of +150 ke for the
purpose of locking on to the receiver signal and manual
control from the front panel for the purpose of search-
ing a narrow spectrum Yor the spacecraft-transmitted
signal. Frequency stability will be 1 part in 107 parts
long term and 1 part in 10® parts short term. Phase
stability will provide less than 3 degrees peak-to-peak
phase error.

CONFIDENTIAL

Phase lock circuitry will be provided such that the
24-me IF signal will be phase-detected with refer-
ence to a 24-me crystal oscillator to produce a
signal which will be fed back to the local oscillator to
produce a phase-locked loop. The output time constant
of the phase detector will be adjusted so that the closed-
loop noise bandwidth is 20 cps at the threshold.

Spurious responses will be at least 60 db below
the desired signal response, and the over-all noise figure
will he 11 db or less. An accurate input attenuator
with a range of 0 to 60 decibels will be provided as an
integral component of the UHF receiver. The IF pass-
band characteristies for both 60 and 2.4 mc will
duplicate those of the DSIF receiver which this unit is
required to simulate. The 10, 20, and 30 ke IF
filters will be of the crystal lattice type. Output levels of

58 to 38 dbm for 60 me and 15 dbm to 5 dbm
for 2.4 me will be compatible with CDC requirements.
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Figure 177. UHF transmitter for system test equipment assembly

UHF transmitter. The UHFEF transmitter ( Figure 177)
is designed specifically to simulate the DSIF transmitter
functions during spacecraft testing. This unit will gener-
ate signals to provide a communication link with the
spacecraft and subject it to various test sequences during
the process of subsystem and system test which will
check out the spacecraft receiver, as well as other por-
tions of the spacecraft. For this purpose, commands
originated in the CDC will modulate the transmitter.
During prelaunch checkout on the launch stand at AMR,
the transmitter will provide contact with the spacecraft
over a 2-mile link.

Characteristics of the transmitter will include a fre-
quency range of 2100 to 2200 me. a choice of
three crystal frequencies by panel selection, and a panel
control for frequency variation over a range of + 150
ke for the purpose of tuning to spacecraft receive
frequency. The local oscillator will be externally voltage
tunable, + 150 ke, for the purpose of sweeping its
frequency while testing the spaceeraft transponder for
tracking range, tracking rate, and lockon range. Fre-
quency stability will be 1 part in 107 parts long terin
and 1 part in 10" parts short term. Spurious FM will he
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1 part in 10* parts or less, and phase stability is to be
such that there will be no more than 3 degrees peak-to-
peak phase error. A front panel output, "1s of the output
frequency, will feed a frequency counter for the purpose
of measuring the transmitter output frequency and
computing the spaceceraft receiver input frequency,
tracking range, and lockon range. The transmitter will
be capable of phase modulating its carrier = 2.4 radians
at the ontput frequencey. Power output, variable from 26
1o 20 dhm, is provided at one panel connector, and
ontput variable from 20 to - 120 dbm is provided
at a second panel connector. A power level monitor is
provided to ensure accurate output setting. RF leakage
at the carrier frequencey is required to be less than —120
dbm. Spurious output frequencies will be at least 60
decibels below the carrier level.

b. Magnetic testing. The scarch for a site for the
magnetic testing facility is continuing. The Hughes
Baldwin Hills site was checked and found to be too
noisy (appronimately 25 gammas rms ac noise). A site
in El Segundo was found to have a low de gradient
(less than 1 gamma/ft) and a low ac level (approvi-
mately 8 gammas rms). However, it was decided not to
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use this location hecanse Hughes could not control the
surrounding arca which might become a source of mag-
netic interference. A site was offered on a 400-acre raneh
20 miles north of Malibu, but since this location is some-
what distant, a site closer to Malibu is being songht.

Preliminary procurement specifications and drawings
have been drafted for the magnetic test facility. The
major part of the test facility will be the coil array, a
system of eight large coils located on three perpendicular
axes and mounted in a cubical structure attached to the
floor (Fig 178). Four Fauselau-Braunbeck coils will be
mounted along the A axis, which will be aligned with the
Farth's magnetic field. A Helmholtz pair of coils will he
mounted along the C axis, which will be aligned with the
magnetic cast-west direction. A second Helmboltz pair
will be mounted on the B axis, which will be perpendic-
ular to the A and C axes. The largest coils will be 12 feet
in diameter.

This hybrid design using Helmholtz and  Fanselau-
Braunbeck coils was chosen for the following reasons,
For the given maximum coil size of 12 feet, the Helmholty
coils are spaced 6 feet apart. The Fanselau-Braunbeck
coils are spaced 3 feet apart. I Fanselau-Braunbeck coils
were used on all three axes there wonld be virtually no
working accessibility at the magnetic field free zone at the
center of the coils. By using Helmholtz coils on axes B
and C, accessibility is much improved. Effectiveness of
the Fanselan-Braunbeck coils is much greater than the
Helmboltz coils. A three-axis Helmholtz array of similar
size would result in a magnetic field free sphere (0 ¢ 10

A AXIS
ALIGNED WITH EARTH
MAGNETIC FIELD

¢ AXIS (EMERGING FROM PAGE )
ALIGNED WITH FARTH MAGNE TIC
EAST WEST DIRECTION

B AXIS
PERPENDICUL AR
TO A AND € AXES

2 COILS ABOUT C AXIS

WORK VOLUME
p WORK TABLE
2 COLs - PLATFORM
ABOUT
B AXIS
4 CONLS
ABOUT «
A AXIS |
)
E \
i FLOOR '
Figure 178. Magnetic test facility layout
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gammas ) of approximately 1.3 feet diameter. By using
Fanselan-Brannbeck coils on one axis and approximately
aligning that axis with the Earth field, the field free
sphere at the center of the coils is expanded from ap-
provimately 1.3 to 3.3 feet in diameter. The preliminary
specifications and  drawings have been submitted to
bidders for quotes.

Use was made of the Space Technology Laboratory
Magnetic Test Facility at Malibu, California, to meas-
ure the permanent field of several components, with the
following results:

. Maximum field at
Component 1 foot
Traveling-wave tube 2000 gamma
Miniature relay 150 gamma
Digital motor 10 gamma
Magnetron 47,500 gamma

c. Sterilization. A continuing components and mate-
rials study is being conducted to evaluate the compati-
bility of the Surveyor components and materials to the
sterilization requirements of exposure to heat (two cycles
of 36 hours at 257°F) and gas (ethylene oxide and Freon
12 for 24 hours) processes. To date the heat and ethylene
oxide terminal gas sterilization compatibility tests of
materials are approximately 837 complete.

In an cffort to . *main consistent with the philosophy
of sterilization by heat, cfforts are being made to pro-
vide a heat-sterilizable spacecraft. Heat labile compo-
nents, such as the photomultiplier tube of the Canopus
sensor, are currently being evaluated for inclusion in
a heat-sterilizable package. Similarly. gyros of the iner-
tial reference unit, although heat-sterilizable, must be
individually adjusted after heat sterilization prior to
factory shipment, which is inconsistent with the sterili-
zation philosophy. Satisfactory methods of installation
and adjustment are being studied.

As revealed in the development of the thermal
switches, the low thermal conductivity and high mod-
ulus of clasticity of the polystyrene switch case is not
adaptable to heat sterilization. A material substitution
program is being pursued to provide a material similar
physically to polystyrene but with an adequate usable
temperature range. Current results indicate at least
three candidate materials. The properties of the candi-
date materials are shown in Table 19 in relation to
polystyrene,

AbLtalite, whose constituents are based on a combi-
nation of polyurethane and epoxy resins with a snitable
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Table 19. Switch materials

Pely- Rexelite Texolite
Properties styrene Ablatalite 1422 11546
Thermal conductivity, | 0.058-0.080| 0.060 0.085 0.8
BTU/he/8*/°F/f2
Elastic modulus, psi 45X10* | 3.5x10° | 4Xx10° 1x10°
Tensile strength, psi 59x10' | ex10° 79x10° | 38.49 X 10'
Maximum vsable 170 300-500 300-400 266
temperature, °F
Thickness obtain- 0.010 0.018 o e
able, inch
9Currently under study.

filler, shows promising characteristics. Flexibility is
afforded in that the strength characteristics can be varied
by the concentration of filler with little variation in the
coefficient of thermal conductivity. A program is under

way with Reaction Motors Division of Thiokol (only
present Ablatalite source) to provide samples of varying
constituents to best approach the characteristics of poly-
styrene. A recent attempt at machining a thermal switch
proved that Ablatalite was machinable to 0.015 inch.
Machining to 0.010 inch was not completed prior to the
reporting period. Simultaneous efforts are being made
to evaluate Rexolite 1422, a cross-link polystyrene, and
Texolite 11548, a glass epoxy, whose properties are also
shown in Table 19.

Since the shelf life of the landing gear shock absorber
is limited and repetitive heat sterilization imposes a
most critical requirement on the design, an installation
procedure of the shock absorber at the Atlantic Missile
Range is being considered. The vendor, The National
Water Lift Co., under Hughes Aircraft Company cog-
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VENDORS CULVER CULVER HANGAR FINAL
l crry cITyY | I ASSEMBLY
HEAT l |
STERILIZABLE
COMPONENTS | |
‘ CENTAUR - ASEPTIC FINAL ASEPTIC
PACECRAF T SURVEYOR DISASSEMBLY HEAT ASSEMBLY ASSEMBLY
S E COMBINED HEAT LABILE = STERILIZATION HEAT RE TRO~ROCKET
ASSEMBLY SYSTEM COMPONENTS PROCESS LABILE PYROTECHNICS
TEST ‘ COMPONENTS CHARGING
VENDOR | l
STERILIZED
COMPONENTS | SYSTEM | |
— — -+ I rest INERTIAL
ERENCE RereREncE U] |
REFERENCE UMY, ERENCE |
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Figure 179. Master sterilization plan
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nizance, would heat-sterilize the shock absorber column
and « nduct operational tests prior to shipment.

A tentative master sterilization plan in block form is
shown in Figure 179. The heat labile components which
are individually handled are being investigated for in-
corporation into one heat-sterilizable spacecraft package.

L. Mission Operations

1. Launch Operations

A number of changes in the basic Atlantic Missile
Range (AMR) test philosophy have been made since
the mission operation phasing chart was issued in the
Space Programs Summary No 37-12. Most of
the changes are a result of the decision by JPL to per-
form the terminal surface sterilization off-stand, before
mating the spacecraft to the Centaur. A general statement
of the current AMR test philosophy is given below.

a. Spacecraft and STEA checkout at AMR. The space-
craft will be heat-sterilized at Culver City before being
shipped to AMR. The present plan is to have the System
Test Equipment Assembly (STEA) arrive simultaneously
with the spacecraft. Since the first STEA delivered to
AMR has been used previously to check out a spacecraft
at Culver City, onl, minimum interface tests will be
required to check ont the STEA with the spacecraft.

The first flight spacecraft will arrive 8 weeks prior to
the first launch window and will be assembled with
special attention to items that may not be heat-sterilized,
such as the inertial reference unit and Sun sensor of the
flight control unit. An abbreviated functional check will
be made at this time. These tasks will be performed at
the checkont facility at AMR.

b. Proofing operations. The first flight spacecraft will
be moved to the final assembly area where it will go
through a series of proofing operations. The proofing
operations are designed to confirm equipment, personnel,
and procedures in the AMR environment.

c. Compatihility checks. Compatibility checks will be
performed at the launch complex to verify that the
spacecraft, the Centaur, the Atlas, and the launch com-
plex are compatible.
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d. Field acceptance test. The spacecraft will be de-
mated from the Centeur and returned to the checkout
facility. About 4 weeks are planned for cach flight space-
craft for the feld acceptance test which will afford a
complete checkout of the spacecraft as near launch as
possible. Although no environmental testing is antici-
pated at AMR, the tests performed during the period will
be nearly identical to the acceptance test procedures at
Culver City, modified to fit AMR testing requirements.

e. Flight preparation. The spacecraft will be moved
to the final assembly area. Flight preparation will include
installation of flight cquipment, loading of liquid pro-
pellants, installation of main retro-rocket, and installation
and checkout of marker radar, The helium and nitrogen
tanks will be pressurized, and the igniters and squibs
will be installed. The weight and balance and thrust
alignment check will be performed. The General Dy-
namics, Astronautics Division, shroud will be installed
and hermetically sealed. The terminal surface steriliza-
tion operation of approximately 12 hours duration will
be performed at this time. Physical access to the space-
craft will not be possible after this time.

f. Launch countdoun. The spacecraft will be moved
to the launch complex and mated with the Centaur,
after which as many systems and scientific instruments
as possible will be checked via the RF link from the
trailer-mounted Command and Data Handling Console.
Only  qualitative checks can be made on designated
scientific instruments and spacecraft systems because of
time and environmental restrictions. The objective will
be to design spacecraft equipment so as to permit seal-
ing within the shroud for a period of up to 10 days to
allow for normal operations plus recyeling operations
necessitated by possible delays in firing or use of the
backup spacecraft.

2. Command and Data Handling Console

Purchase orders have been placed for all subcontract
items in the command and data handling console (CDC).
Circuit designs have been completed for all Hughes-
developed console units except the demodulator and the
buffer unit. Completion of mechanical designs (with the
same two exceptions) will allow prototype fabrication to
begin by the end of December 1961, Demodulator and
bufter unit fabrication will begin in January 1962.

a. Mockup. The physical configuration of the CDC has
been established, and a mockup of this configuration

has been completed (Figure 180). The present CDC de-
sign consists of a three-bay control console and seven
standard 19-inch cquipment racks in an L-shape plan.
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Figure 180. Command and data handling console mockup
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and checked ont to unu-\lnnnl to the several different
data formats from the spatcecratt, Durine operations,
the data handlime configuration can quickly be changed
by rcemoving one patehboard and mstallines another. The
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The low density patch panel is used primarily for
checkout and calibration. Outputs, inputs, and test points
of various units are routed to this panel. The panel is
wired so that when a patch cord is plugged in to the
jack, the normal connection of that function is discon-
nected and a new connection is made by the patch cord.
By this method, in addition to checkout flexibility, some
changes in system configuration can be made under
abnormal circumstances.

In the CDC a number of on-line spares are provided to
minimize station down-time due to console failure. These
spares include a demodulator, three discriminators (mini-
mum ), decommutator, TV video processor, TV photo-
graphic recorder, punched tape reader, command
generator, power supply, and subcarrier oscillator.

b. PCM decommutation system. Electro-Mechanical
Research (EMR) was awarded the subcontract on No-
vember 3, 1961, for ten PCM decommutation systems,
to be utilized in the command and data handling system.
The proposed system is very similar to the EMR standard
digital decommutation production line and will require
only a minor design and development effort to meet
Surveyor requirements. The PCM decommutation sys-
tems provide flexibility, accuracy, and outstanding syn-
chronization performance.

Salient characteristics of the proposed system are as
follows:

(1) Solid-state circuits and modular construction
throughout.

(2) Bit rates of 45 to 80,000 serial PCM per second,
word rates of 8 to 5500 per second, frame lengths
of 5 to 128 channels, and up to 33 bits for frame
synchronization codes.

(3) Binary and binary-coded-decimal digital outputs
and analog outputs,

(4) Full use of digital circuits, affording high accu-
racy, synchronization flexibility, and rapid data
acquisition.

(5) Patchboard control of digital and analog outputs
(wired for expansion).

The first system is scheduled for delivery in February
1962. Environmental, acceptance, and reliability tests
will be performed on the first system. The nine remain-
ing systems will not undergo cnvironmental tests but
will be subjected to acceptance and reliability tests. The
reliability test consists of 55 hours per system of system
operation and will be performed after the completion of
the acceptance tests. Monthly progress reports and bi-
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weekly PERT (Program Evaluation and Review Tech-
nique) charts will be provided to monitor production
schedules.

¢. TV recording and monitoring unit. A subcontract
was awarded to Hallamore Electronics Corporation of
Anaheim, California, to design and manufacture the CDC
television monitoring and photographic recording system.
The system to be applied by Hallamore will consist of
three major subunits: (1) a video processor sync sepa-
rator which will acquire vertical and horizontal synchro-
nization and provide synchronizing signals to the monitor
and recorder as well as perform line to line clamping of
the video, (2) a visual monitor which will utilize a long
persistence cathode ray tube to enable the operator to
perform a real-time evaluation of the received slow scan
picture, and (3) a photographic unit which is basically a
monitor with a short persistence blue phosphor, a 35 mm
frame type camera which has a built-in “data box™ to
record the frame identification data pertaining to the
received television picture as well as time. The limiting
resolution of the ground system will be 720 lines on the
photograph. Thus the estimated resolution of the ground
unit with a 600 line by 600 element, noise-free input
would be approximately 410 lines vertical and 460 lines
horizontal resolution. Studies were made indicating that
significantly higher display resolution could not be
achieved within the development plan for Surveyor.

This system is very similar to the ground portion of
the Hallamore-designed, slow scan television link used
by Convair on the Centaur project. The system is used
by Convair to monitor and record the condition of the
liquid hydrogen in the Centaur fuel tanks under flight
conditions. Only minor electronic and mechanical re-
design is reonired to adapt this equipment to Surveyor
requirem nts.

The piototype unit is to be delivered to Hughes by
March 12, 1962. This unit will have completed all accept-
ance and environmental tests. After systems integration
tests with the CDC, the prototype will be returned to
Hallamore for any changes required to update it to the
production configuration.

d. Demodulator. A design review was held on the
circuits of the demodulator. It was felt that for narrow-
band operation the original design resulted in more
local oscillators and IF frequencies than was desirable
from the standpoint of possible interference problems.
It was learned that a 2.4 mc/sec signal output from
the  deep space station  receiver which could be used
for narrow band operation was available. Redesign of
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the demodulator narrow band section using this 2.4
mc/sec input was therefore undertaken. The resulting
circuitry (Fig 181) is considerably simpler than the
original design since several local oscillators and one
narrow-band discriminator were eliminated.

e. Discriminators. EMR Model 167 discriminators
have been selected for the CDC. These discriminators are
phase-locked loop, solid-state units in which the latest
techniques are employed in determining optimum loop
parameters. These techniques have been arrived at
through empirical results as well as analytical considera-
tions. The components affecting loop optimization are
contained in the channel selector and output flter
plug-in units. As a result, separate plug-in units, con-
taining loops optimized for each of the various combi-
nations of spacecraft information rates, waveforms, and
deviations, will be required, and only a minimum of
basic discriminator units will be needed. Ten of the
basic discriminator units will be provided for each con-
sole. Since analysis of mission sequence indicates that a
maximum of seven subcarrier channels will be utilized
simultaneously, three discriminators can be considered

spares.

Present spacecraft data requirements indicate a need
for 20 channel-selector plug-in units and 17 output-filter
plug-in units. CDC patching capabilities will allow any
combination of discriminators and plug-in units dictated
by data requirements, thus affording considerable flexi-
bility. In addition, the discriminators chosen are well
adapted to the requirement for console expansion capa-
bility, since additional data requirements or changes in
present data channel configurations necessitate only addi-
tional plug-in units. Standard Inter-Range Instrumen-
tation Group (IRIG) channel configurations can be
obtained by use of proper plug-in units. While little or
no threshold improvement will be obtained in some of
the present spacecraft channels (compared with pulse
counting discriminators), a substantial threshold im-
provement will be obtained in channels using higher
modulation indexes.

3. Surveyor Data Reduction and Processing
Facility

The Surveyor data processing facility at the Hughes
Culver City plant is designed to provide efficient han-
dling of data required for final spacecraft performance
analysis from a varicty of magnetic tape formats, to
allow means for data monitoring, and to generate tapes
for computer reduction and analysis. A data processing
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Figure 181. Demedulater block diagram

facility functional arrangement has been established
(Fig 182), consisting of tape reproducers intercon-
nected through patchboards to decommutators and de-
modulators. The latter are in turn interconnected to
direct recorders and the complex of equipment employed
to generate two distinct computer formats. The type
and quantity of units conform to the anticipated data
flow generated by the Surveyor spacecraft instrumenta-
tion system with the additional data generated by the
Deep Space Instrumentation Facility, command and data
handling consoles, and range timing systems.

A detail specification has been prepared for a universal
magnetic tape search system which will permit display,
control, and translation of various range time formats
needed for editing and data time identification. The
unit will also provide means for rapidly extracting de-
sired data from nonsequential portions of the magnetic
tape. A second detail specification defines the format
control buffer, a computer preparation subsystem con-
sisting of analog and digital signal switching units,
analog-to-digital converters, buffers, and buffer controls
which will arrange data in formats for entry into the
G-15 or IBM 7090 computers.

The manual and semiautomatic mode of data process-
ing operations will be used to supplement the automatic
magnetic tape processing complex. This mode is ar-
ranged functionally to support the Surveyor program,
as shown in Figure 183,
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4. Surveyor Spacecroft Simulator

A firm detail design specification for the Surveyor
spacecraft simulator (Figs 184 and 185) has been re-
leased. This unit will be utilized at each station of the
DSIF to provide CDC-DSIF spacecraft system checks
as required.

A design criteria of the simulator is that it must pro-
vide the capability to transmit each subcarrier frequenc
complex which will be transmitted from the spacecraft.
In many cases, the spacecraft signal processing subsystem
provides redundant subcarrier oscillator frequencies for
different experiments. This redundancy has been elimi-
nated in the simulator. Since the preceding bimonthly
summary, the surface geophysical package simulation has
been eliminated, made possible by changes in the ar-
rangement of spaceraft subcarrier oscillator frequencies.

The deep space stations are designed to provide a
precision radio tracking system that includes the meas-
urement of radial velocity utilizing a two-way doppler
system. The advisability of including doppler simulation

in the spacecraft simulator was carefully considered.
However, provisions for a doppler simulation test will
be incorporated in the DSIF doppler extraction sub-
system. Therefore this capability will not be provided in
the Surveyor spacecraft simulator. A digital readout capa-
bility has been added to facilitate checkout and fault
isolation.

Existing spacecraft circuitry and packaging design
will be utilized to the fullest extent possible in the simu-
lator, but some changes must be made to provide for
maintainability. Test points, circuit breakers, jack panels,
etc., will be added to make all critical circuitry readily
accessible for maintenance, fault isolation, or simulation
of possible spacecraft malfunctions.

Two additional areas of simulator application are pres-
ently under study: (1) use of the simulator for checkout
of the CDC when DSIF equipment is not available, and
(2) possible use of a tape recorder or other means to
simulate moon path time delay effects in spacecraft
responses to earth cornmands.
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Figure 184. Surveyor spacecraft simulator
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Figure 188, Simulator rack layout

The first may be accomplished by making the space-
craft simulator or portions of the system portable to
permit removal to the main control building. The second
would provide a more realistic operational simulation
for maintaining operation proficiency and for develop-
ing new operational procedures.

5. Lunar Mission Sequencing Documentation

It is planned that documentation of the transit and
lunar operations will be categorized into one of three
possible levels depending on the purpose of the docu-
ment, the ultimate user, and the amount of detail
required. The first-level documents will include the
information necessary to define facilities; establish oper-
ational requirements; and guide the Lunar Operations
Director (LOD) and the Directors of the Data, Opera-
tions and Control Facility (DOC), DSIF, and Space
Science in controlling the mission. Second-level docu-
ments will outline detail operating requirements and
guides. Third-level documents will define detail operat-
ing procedures.

In each level of documentation, only as much detail
on mission sequencing will be included as is required by
the respective users in order for them to control their
portion of the mission. Selected blocks of the mission
sequence chosen to illustrate how the sequencing will
be handled in the three levels of documentation are
shown in Tables 20, 21, and 22. The sequencing shown
is expected to change somewhat by the time the first
SFOP (Space Flight Operation Plan) is published; the
examples show format rather than actual sequencing
details.

Table 20. First level sequence of events (SFOP)

Itom No Sme o avent” ol Sation’ Evemt
[ T+ 115m DSIF 3, DOC Sample scientific temp
7 T+ M7m DSIF 3, DOC Conduct density experiment.
] T+ 147m DSIF 3, DOC Complete first TV survey.
[ T+ 167m DSIF 3, DOC Segin radiation detecter experiment with boom omndodr
10 T+ 168m DSIF 3, DOC Cond ic velocity experiment.
n T+ 178m DSIF 3, DOC Somple wcientific temperatures.
12 T+ 17%m DSIF 3, DOC Conduct s0il mechanics experiment.
13 T +.230m DSIF 3, DOC Sample scientific temperstures.
14 T+ 2'm DSIF 3, DOC Conduct hardness experiment.
15 T+ 26m DSIF 3, DOC Cond gnetic ptibility experiment.
16 T+ 276m DSIF 3, DOC Sample scientific temperatures.
17 T+ 27m DSIF 3, DSIF 4, DOC Transfer control to DSIF 4.
8 78m DSIF 4, DOC Conduct thermal diffusivity experiment.
19 T + 290m DSIF 4, DOC Sample scientific temperatures.
}_ 20 T + 300m DSIF 3 Loss of DSIF 3 visibility.
oT: lunor touchdown
SOSIF 3: Gold OSIF : W
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Mission sequencing to be included in the standard
sequence of events portion of the SFOP will consist of
two types of presentations: a bar chart, similar to Fig-
ures 11 through 17, showing the order of events, their
duration, and time the event should occur, as well as the
visibility period of each deep space Station, which can
be time-correlated with the sequence of events once the
time of lunar touchdown has been established. This
type of presentation will be used to quickly determine
the planned activity during any given time period and
the effect of deviations from the standard sequence.

The second presentation to be included in the SFOP
(Table 20) shows each major function to be performed
along with the time referenced to lunar touchdown.
The functions are identified by an item number, also
used as a reference for the second- and third-level docu-
ments. This table will be used by the LOD to control
the mission and equate actual with planned events.

The SFOP information will be expanded for the DSS
Operating Memo (Table 21). In this document, the
items in the SFOP are broken down iuto various func-
tional steps to be followed sequentially by operating
personnel.

In the third-level document (Table 22), each signifi-
cant event, all commands to be sent and their order of
execution, telemetry data to be received at the DSS,
evaluation of the data necessary to proceed to the next
command, and the individual responsible for the evalu-
ation are outlined for use of the operating personnel.

The procedures shown are based on the assumption that
the lunar phase has proceeded as planned and that the
spacecraft configuration has not changed since comple-
tion of the last experiment. For example, with the
acoustic velocity experiment, acoustic sensor No. 1 will
have been deployed with the instrumentation used during
the density experiment, and consequently separate com-
mands for its deployment are not shown. However, in
the case of nonstandard sequences, a separate set of
documents will be prepared showing the required con-
figuration of the spacecraft for conducting each given
experiment. These documents will be used if the LOD
should decide to change the order of conducting the
experiments.

Since these three documents will all be correlated
with a common referencing system, the LOD can closely
control and monitor the progress of the mission. It is
planned to duplicate this type of presentation for those
nonstandard sequences that can be anticipated.

M. Scientific Experiments

1. Lunar Petrographic Microscope

The breadboard model of the lunar petrographic
microscope, exclusive of the vidicon subsystem, is being
constructed by Armour Research Foundation, Chicago,

Table 21. Second level sequence of events (DSS)

Hom Ne. soniurd  hrwel Bvent
6.1 T+ 115m Sample scientific temperatures.
7.4 T+ 117m Conduct TV survey of emplocement area for surface density experiment.
7.2 T+ 124m Emplece swrfoce density instrument.
73 T+ 125m Conduct secend TV wrvey of emplacement area.
7.4 T+ 132m Conduct surface density background count.
7.5 T+ 17m Begin surface density experiment.
7.6 T + 146m Surface density experiment completed.
[ B T+ 147m Complete first TV srvey (more detail will be supplied when available).
9.1 T+ 167m Begin rodiation detector experiment with boom extended.
10.1 T+ 160m Begin acoustic velocity experiment. Position acoustic velocity sensors and acoustic source.
10.2 T+ 173m Activate ic signal pr ing and conduct experiment.
10.3 T+177m Acoustic velocity experiment completed.

oT: lunar touchdown
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Table 22. Third level detall procedure — acoustic velecity (CDC)

Time of ovent* Incoming dete Responsible
ttom No.| Stonderd Actwal Event Command® te be ovalveted Required action individyel
10.10.1 T+ 168m Prepare for acoustic Insert patch panel CDC rack technician.
velocity experiment. No. 17.
Insert telemetry display | Telemetry maniter.
overlay Ne. 17.
Determine that acoustic| Telemetry monitor.
sensor No. | has been
displayed.
10.1.2 Disploy tic sensor | Unlateh positioner. Acoustic sensor Verify that Tek y monitor.
Ne. 2. No. 2 positioned. sensor No. 2 is
positioned.
10.1.3 Display acoustic source. | Unlatch acoustic Acoustic source Verify that Telemetry monitor.
source, positioned. source has been
positiened.
1021 T+ 173 Activate ecoustic signal | Surface acoustic signol
processing and begin processing on.
experiment.
10.2.2 High-power trens- High-power trans- |  Verification. Teiometry monitor.
mitter on. mitter on.
10.2.3 T+ 175m Fire acoustic source Acoustic time No action required.
No. V. reference signel
No. 1.
Acoustic geophone
No. 1 ovtput.
Acoustic geephone
No. 2 output.
10.2.4 T+ 176m Surfoce acovstic signol
processing off.
10.2.5 High-power trans- High-power trans-
mitter off. mitter off.
1039 Acoustic velocity experi- Yorification. Telometry monitor.
ment completed.
oTi Juner touchdewn
*Octal number essociated with sech command will alse be shewn when evailable.

linois. It will be completed and delivered the first week
in January 1962. The slow-scan vidicon subsystem is
being constructed by General Electrodynamics Corpo-
ration, Garland, Texas, and will be delivered in mid-
January.

Twenty-four different plastic tapes have been tested by
Armour for stability in vacuum. Further tests on stability
of thermal, optical, and strength properties are being
concluded as of this writing.

The vidicon subsystem to be used in testing the micro-
scope breadboard will provide de to 220-ke response and
slow-scan monitoring. The line frequency is variable from
10 to 1000 cps; the frame frequency is independently

CONFIDENTIAL

variable from 0.02 to 2 cps. Resolution is 600 lines per in.
and there are 8 grey scales. Sensitivity is 0.5-ft-candle
faceplate illumination. The vidicon may be operated
remotely from the central power supply by means of a
3- to 5-ft cable, and may thus be used on standard labora-
tory microscopes and other images as well as on the lunar

breadboard model.

Sample preparations of several rock and mineral types
have been made for testing the resolution and over-all
optical performance of the breadboard against a standard
laboratory microscope, with and without vidicon trans-
mission. Figure 186 is a photomicrograph of crushed
dunite particles in the 75 to 250 . size range taken in
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plane-polarized  white light. Significant characteristics
of this sample are the: (1) high relief of olivine grains
against the mounting medium (n 1.54), (2) absence
of cleavages, (3) rock grain size coarser than grain size
of crushed sample, and (4) nearly monomineralie rock.
All features necessary to identifv the original rock type
can be discerned at this magnification.

Figure 187 is a crushed bronzite pyroxenite viewed
under the same conditions as the dunite in Figare 186.
The good cleavages distinguish the grain from olivine,
and their transparency at this grain size distingnishes
them from hornblende.

Figure 187. Crushed pyroxenite, plane-polarized
white light

190

Figure 188 shows a typical basaltic volcanic texture
in contrast to the platonic textures of Figures 188 and
187. The phenocrysts are olivine and pyroxene (high
relieh), and plagioclase (low relief). The fine-grained par-
ticles contain glass with fine magnetite making them
apoear nearly onaque. They contain numerous enbnarallel
plagioclase tablets (as in encircled grain). The edges
of vesicles may be seen in some particles (arrows to
ensps): the amount of vesiculation may be estimated
from the number of cusps present in a field of many
grains. The inequigranular texture, the mineralogy, the
flow-oriented plagioclase cryvstals in the ground-mass,
and the edges of vesicles all identify the rock as a basalt
flow:.

Figure 189 is a glassy rhyolite tuff showing the crushed
pumice fragments {Jarge particles), small particles of
glass and phienocrysts (quartz and sanidine” with low
relief. Figure 190 is the same field of view in cross-
polarized light: all particles except the few birefringent
phenocerysts are glass and are isotropic.

2. Sigma Plasma Detector

The Surveyor plasma detector, now under development
at JPL, will examine the solar wind and Moon interaction
and s second generation version of the solar plasma
detector Hown on Rangers T and 1T It will be used to
measure the charged particle energy spectra as a func-
tion of arrival dircction. The principal purposes of these
measurements are to determine the low energy particle

J

Figure 188. Crushed basalt, plane-polarized
white light
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environment of the Moon and to aid in the interpretation
of the magnetometer data. The charged particle measure-
ments could be related to the magnetometer measure-
ments as follows:

(1) From the measured magnetic field magnitude and
direction, a 1** jteration field model is constructed.
The 1* iteration field might be a magnetice dipole
located at the center of the Moon with the neces-
sary strength and  orientation  to produce  the
observed field at the spacecraft. The expected
modulation of the motion of interplanctary parti-
cles in crossing this model field is then caleulated,

Figure 189. Crushed rhyolite tuff, plane-polarized
white light

Figure 190. Crushed rhyolite tuff,
cross-polarized light

CONFIDENTIAL

(2) A comparison of the calculated and the measured
distributions of particles as a function of angle
of arrival and energy is made. The general features
of any disagreement are then studied qualitatively
to aid in the generation of a 2" iteration model
which might be something like a distorted dipole
ficld which is greatly compressed on the Sun side
by a solar wind. This process is repeated until
1 or more models are found for which the caleu-
lated and measured particle distributions are in
reasonable agreement.

Direction of travel will be determined by 5 electro-
static analyzers (Fig 191), cach with an acceptance angle
of about 18 deg about the normal direction, The analyzers

Figure 191. Surveyor sigma plasma detector {a) with
and (b) without thermal shield

191
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are situated so that 1 detector analyzes particles incident
from the local vertical, while the other 4 point at 45 deg
to the vertical at 90-deg intervals. The package is to
be extended from the spacecraft on a 12-ft telescopic
boom and gimbaled on 2 axes to seek the local vertical
for proper orientation of the analyzers.

Charged particles enteri~g an electrostatic analyzer
are deflected by an electric field which is approximately
transverse to the particle velocity. Those particles with
a particular charge sign, a certain range of energy per
unit charge, and a certain angle of incidence are deflected
onto the charge collector cup. Particles which enter the
deflection plates with the wrong charge sign, energy
per unit charge, or angle of incidence strike the deflection
plates and are not recorded. The energy distributions of
both positively and negatively charged particles entering
the instrument can be determined by varying the sign
and magnitude of the deflection voltage. The instrument
is capable of analyzing positive ions or electrons with
energies between 2 ev and 6 kev.

The 5 deflection plate systems are grouped around
1 box and, by means of special high resistance switches
(open circuit resistance >10'* ohms), time share a single
electrometer amplifier and high-voltage sweep amplifier
(Fig 192). This arrangement results in a significant sav-
ing in weight and power over a system in which each set
of deflection plates has its own separate electronics. The
Surveyor detector, with 5 analyzers, weighs 12 Ib and
uses 1 w, whereas the 6 analyzers on Rangers I and II
weighed 33 Ib and used 2.75 w.

a. Electrometer amplifier. The electrometer amplifier
for the Surveyor detector is an improved version of the
Ranger I and II models. A development contract was let
to the Applied Physics Corporation in April 1961 to devise
a piezoelectric pickoff on the vibrating reed dynamic
capacitor, in order to control a reed resonance tracking
oscillator on the Surveyor detector. This effort has been
successful and the 1** version of this development will
be implemented in the Mariner R plasma probe. Sub-
sequent work on improved sealing methods of the reed
capacitor container has led to a marked reduction in
contact potential, and a temperature coefficient of con-
tact potential of less than 70 uv,/°C. Use of this improved
modulator has resulted in an electrometer with increased
sensitivity and a greater dynamic range over the tem-
perature span anticipated in the lunar environment
(—50 to +100°C). Several prototype reed modulators
have been thoroughly evaluated over this range and
have successfully passed the sterilization procedure.

Perhaps the most significant improvement in the
Surveyor probe is the incorporation of an automatic

192

scale factor device (Fig 193). The feedback element of
the Ranger electrometer is the bipolar logarithmic com-
pressor which has the approximate transfer function:

E,ui=Klogl,

This device, however, requires a well insulated battery
to measure electron current (SPS 37-11); the stability
of the electrometer can be no better than the long term
stability of the thermionic compressor diodes. In order
to more thoroughly exploit the advantages presented by
the electrometer amplifier, an automatic gain system was
devised which uses resistors as feedback elements and
results in the transfer function:
Ejp = -1, R,

Since the electrometer has a useful dynamic range of
+10 mv to =10 v, circuits were designed to auto-
matically change the feedback resistors as a function of
the output voltage. The feedback resistors selected for
the Surveyor instrument enable the amplifier to measure
currents from =107 to +10'* amp in 3 ranges
with a decade overlap on each range. For the plate
geometry selected this corresponds, respectively, to parti-
cle fluxes between 4 X 10'° and 4 X 10* particles cm™2
sec for each energy level. The device consists of a
chopper input stage (in order to sample both positive
and negative voltages) followed by suitably scaled ampli-
fiers. After restoration and integration of the resultant
square wave, amplitude discriminators examine the inte-
grator outputs to determine whether the electrometer is
within the range of +50 mv to 10 v. The discriminator
outputs drive a reversible counter up or down, depend-
ing upon the appropriate limit crossing, and logic switch-
ing on the counter inserts the proper feedback resistor.
An analog voltage proportional to the feedback resistor
is resistively summed with a voltage proportional to the
collector cup number, and this signal is fed to the data
system for identification. The overlap between ranges
was provided to prevent oscillation between resistors
and to take advantage of the fast response of the elec-
trometer with the smaller resistor: in place. By increas-
ing the sampling rate at the amplifier output to 10/sec,
for example, rapid cyclic variations or waves may be
observed in the plasma.

Evaluation is being made of a new low noise silicon
input stage for the electrometer to replace the presently
used germanium transistor. This will enable the electrom-
eter to more reliably withstand the lunar temperature
environment. It is also planned to evaluate field-effect
transistors in this application. These units, by virtue of
their high power gain. may well result in a significant
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reduction in circuit components as well as improved
performance.

b. Deflection voltage system. The deflection voltages
for the analyzer plates are generated by 2 fully transistor-

jzed assemblies: the programmer and high voltage sweep
amplifier (Fig 192). The programmer consists ofa4byll
diode matrix, driven by a 4-stage binary scaler, which
consecutively gates a reference input voltage to 1 of the
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Figure 192. Surveyor sigma plasma detector circuit
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Figure 193. Automatic scale factor device

12 input resistors of the high voltage sweep amplifier.
The rate at which the programmer steps is governed by
the rate of the input timing pulse from the system.
Upon receipt of the 13" pulse, logic steering resets the
programmer to the first step, opens all collector cups,
and injects a standard current into the electrometer.
This self-generated reset pulse is also used to drive a
3-stage scaler and a 3 by 8 matrix that controls the col-
lector cup selection switches. The programmer thus
sequences the sweep amplifier through 12 energy levels,
resets itself, and injects a standard current on the 13"
step. It also steps to the next collector cup in the sequence
on that step.

In addition, there are 3 values of standard current
which are sampled alternately so that 3 complete cycles
of the programmer and the 3 scale factor ranges of the
electrometer amplificr are tested. This corroborative test
procedure seems wise in light of the fact that:

(1) The lunar surface temperature environment is ex-
tremely severe by present flight hardware standards
and is not fully understood.

(2) Methods of simulating these temperature and
vacuum extremes are not fully adequate.

(3) The system must be designed to operate intermit-
tently for a long period (30 days or more).

(4) Since the logic circuitry already exists, only a few
components need be added for the task.

The instrument may operate in 1 of 2 modes upon
ground command. When the largest resistor (10'? ohms)
is in the feedback loop, the electrometer must settle out
for a few seconds before a useful reading is obtained.
The programmer is, therefore, sequenced only once
every 10 sec, If the particle fluxes incident on 1 of the
analyzers are large enough to sequence the electrometer
to the 10* or 10'° ohm resistors, the timing pulse rate
may be increased to 1/sec by ground command to take
advantage of the rapid amplifier settling time.

The high voltage sweep amplifier is being redesigned
as a carrier type dc operational amplifier in contrast to
the direct coupled approach taken on the Ranger experi-
ment. Chopper transistors have been made available
recently which can ensure the null stability necessary
in this application.

c. Temperature evaluation. A temperature control
model of the instrument has been constructed. It con-
sists of the outer chassis with the 5 electrostatic analyzers
in place and a covering of insulation material surrounding
the whole package. The heat of the electronics is simu-
lated by resistors, and thermocouples are connected at
various points around the box.

Reference

1. Graff, W. J., "Thermal Conductance Across Metal Joints,” Machine Design, Septem-

ber, 1960.
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PLANETARY-INTERPLANETARY PROGRAM

|. Program Status

A. Objectives

The primary long range objective of the NASA
Planetary-Interplanetary Program is the development of
automatic, unmanned, interplanetary spacecraft technol-
ogy and the use of this technology in the form of space
probes to gather fundamental scientific knowledge con-
cerning the planetary and interplanetary environments,
the planets themselves, and solar phenomena, both out
of and within the plane of the ecliptic.

The secondary long range objective of the program
is the development of technology and the collection of
scientific data which will contribute to the successful
manned exploration of the planets and interplanetary
space.

The primary objective of the program by 1970 is to
have rather completely demonstrated and, to some rea-
sonable extent, exploited (in terms of acquired scientific
data) spacecraft capable of (1) being put into orbit
around and (2) landing on the surface of Mars and Venus.

A secondary objective during this period will be the
initial effort toward extending the above capability
toward the planets Mercury and Jupiter and space shots
out of the plane of the ecliptic and in toward the Sun.

The immediate objective of the program is the initial
probing of Mars and Venus.
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B. Missions

The Planetary-Interplanetary Program at present con-
sists of 3 projects: (1) Mariner R using the Atlas-Agena B
vehicle, (2) Mariner B using the Atlas—Centaur vehicle,
and (3) the Voyager, using the Saturn vehicle. The mis-
sions planned for these projects are defined below and
are obviously subject to change because of such influ-
ences as new scientific discoveries or unexpected devel-
opments in vehicle availabilities.

1. Mariner R Project

The intent of the Mariner R project is to perform flyby
missions to Venus in 1962 using the Atlas-Agena B
vehicle. These missions are a replacement for the Mari-
ner A project which was cancelled during September
1961 due to unavailability of Centaur launch vehicle.

The primary objective of the Mariner R project is to
develop and launch 2 spacecraft to the near vicinity
of the planet Venus in 1962, to receive communications
from the spacecraft while in the vicinity of Venus, and
to perform a radiometric temperature measurement of
the planet. A secondary objective is to make interplan-
ctary field and/or partial measurements on the way to
Venus and in the vicinity of Venus.



CONFIDENTIAL

JPL SPACE PROGRAMS SUMMARY NO. 37-13

2. Mariner B Project

The primary purpose of the Mariner B project is to
permit scientific investigations of the planets Venus and
Mars during their periods of availability in 1964 through
1967. Secondary purposes in order of priority are (1) to
make interplanetary scientific investigations in the regions
between Earth and Mars, (2) to develop experience in
the design of a spacecraft that has considerable flexibility
with regard to the specific missions it is basically capable
of covering, (3) to provide experience and knowledge
which will permit a quality and efficient design of the
later Voyager spacecraft. To these ends, the spacecraft
will be designed for a precision flyby mission and will
incorporate the capability of either carrying or not car-
rying a small landing capsule. The Mariner spacecraft
will be injected by the Centaur launch vehicle and it is
expected to launch 2 identical probes during each of
the planet launching opportunities. Deep space probes,
to be launched in between periods of Mars and Venus
availability, are included in the Mariner B project.

3. Voyager Project

Voyager missions are envisioned to evolve to sophisti-
cated orbiters and landing experiments beginning in 1966
or 1967 using Saturn vehicles. Planetary orbiters are a
necessary part of the evolution and are a logical step in
the development of spacecraft technology. Orbiters are
probably required to permit sufficicnt observation of the
planet to know how to proceed with the landing missions.
Furthermore, orbiters may well constitute an important
step in the actual landing experiments. The emphasis
on planetary orbiters, thereiore, will be to contribute to
the successful accomplishment of the landing objective.

C. Program Activities
1. Mariner R

The design interfaces for Mariner R spacecraft were
frozen in mid-October; since that time work has pro-

gressed in the finalization of design of all hardware with
the final detail design freeze set for early January 1962.

This has been an active period with procurement of
new Mariner R peculiar equipment and the modification
of existing Ranger and Mariner A equipment. It also
marked the beginning of flight acceptance testing of
individual systems and subsystems, with the peak load
of this testing occurring in late December 1961 and run-
ning through January 1962. Assembly of the spacecraft
is scheduled to begin in e:rly January with the first
assembled spacecraft subsystem and system type tests
to begin late in January.

The final version of the Project Development Plan
has been prepared and is at Marshall Space Flight Center
(MSFC) for review and approval. It is planned to sub-
mit the approved and signed copy to NASA Headquarters
early in January.

2. Mariner B

Mission objectives and design criteria were generated
and have been used for the preliminary design effort.
This effort was initiated in October 1961, is proceeding
on schedule, and will be completed on April 1, 1962. A
Preliminary Project Development Plan has been pre-
pared. One rough draft copy of this plan has been
transmitted to NASA Headquarters. A final draft of this
Preliminary Project Development Plan is being prepared
and will be transmitted to MSFC and NASA Headquar-
ters for review during January 1962.

3. Voyager

In addition to the technical preparation underway
within the technical divisions, effort is being applied in
the Planetary Program Office in the preparation of a set
of mission objectives for the Voyager project. These
objectives are intended to serve as a guide for a Voyager
study committee to be formed early in 1962 for the pur-
pose of generating design criteria for use in the prelimi-
nary design phase. The primary current problem is the
determination of which launch vehicle will be assigned
t the Voyager. Detailed project planning cannot proceed
until this decision is made and announced.

CONFIDENTIAL
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Il. Mariner R

A. Systems

1. Launch Considerations

The Mariner R launch vehicle will be the Atlas~-Agena
B which will provide a spacecraft weight of approxi-
mately 446 b for at least a 47-day launch window. Since
a delay in launch time, if not compensated, causes an
error at Venus encounter, it is necessary to alter bhoth
the launch azimuth and parking orbit coast time between
Agena burning periods.

Figure 1 shows typical Agena 2" burn period as a
function of firing azimuth from 90 deg cast of true north
to 114 deg east of true north. The large hatched area
indicates the area in which the 2** bum could occur,
dependent upon the trajectory. The top boundary line
represents the earliest start of 2" burn; the lower bound-
ary line represents the latest end of 2°1 burn; and the
side boundaries are formed by the launch azimuths 114
and 90 deg. The launch azimuth will vary (between
90 and 114 deg) with the time of launch within the 2 hr
and 40 min firing window.

Use of a parking orbit can allow injection to occur at
any point over the Earth’s surface. Figures 2 and 3 show
the maximum injection locus for July 17 and September
15, 1962, respectively. The restrictions of azimuths to
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those indicated take into account postinjection tracking
considerations and yield an approximate 2 hr 40 min
firing window for all Mariner R launch days. Time errors
at encounter can be minimized by the mid-course
maneuver.

2. Orbit Characteristics

a. Geocentric phase. Launch azimuth, geocentric injec-
tion latitude, and longitude vary with launch time and
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Figure 1. Typical Agena 2nd burn period as firing
ozimuth from east of true north to 114 deg
east of true north
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launch date. The time from launch to Goldstone radio
horizon depends primarily on longitude of geocentric
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injection. As the launch date varies, the required geocen-
tric energy (C.) changes. This is clearly seen in Table 1
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Figure 2. Maximum injection locus for July 17, 1962

L~

CAPE CANAVERAL

ANTIGUA
|

-20°

FERNANDO O€E

T

Z ASCENSION

10
GL-HQ

JOHANNESBURG

"

-40° +
?s TIME IN min FROM INJECTION
;= LAUNCH AZIMUTH
1 | 4
300° 320° 340° o°* 20° a0° (7] 00° 100° 120° 140°
Figure 3. Maximum injection locus for September 15, 1962
198 CONFIDENTIAL



CONFIDENTIAL

where C, decreases monotonically with launch date until
August 23, and afterward increases monotonically until
the final date of launch. The greater the energy, the
greater the speed of injection. Table 1 also gives esti-
mated injection locations for all days in the launch win-
dow for azimuths of 90, 96, 102, 108, and 114 deg.

b. Heliocentric phase. The probe moves in a nearly
elliptical orbit primarily under the influence of the Sun
(with the Sun at 1 of its foci). The true anomaly of
heliocentric injection increases as launch date is delayed.
Figure 4 is a plot of Earth-probe-Sun angle versus days
from launch. In this figure, 4 specific launch days are
referred to as Trajectories 1, 2, 3, and 4. Separate arrival
dates, 2 days apart, have been selected for the Mariner R
P37 and P38 trajectories varying from December 6
through 16, 1962, Figure 5 shows corresponding dates for
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Figure 4. Plot of Earth—probe-Sun angle versus
days from launch
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Figure 5. Arrival dates for 67-day firing period
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the 67-day firing period. Note, for example, that for
Trajectory 4 the maximum Earth-probe-Sun angle occurs
at approximately 42% days from launch and is then about
168 deg. The other trajectories have approximately the
same Earth-probe-Sun angles for maxima. The reason
that the maximum angle is not 180 deg is that the inclina-
tion of the probe’s heliocentric orbit to the ecliptic varies
from 1 to 2.5 deg depending on launch date. It is to be
noted that the same curves may be used to determine
the position of the probe as the Earth and Venus orbit
the Sun.

c. Hyperbolic trajectory. For Mariner R the hyperbolic
excess velocity of the probe with respect to Venus varies
from 5.3 to 6.0 km.sec. To obtain the Cytherean aiming
point it is necossary to make use of the expected disper-
sions and the spacecraft constraints. Because of the
radiometer it is desirable to pass Venus when the angular
diameter of the planet subtends angles of 10 to 45 deg,
which implies a radius vector length of 16,000 to 71,000
km from probe to Venus, respectively. On the other
hand, because of the magnetometer, it is desirable to
pass close to Venus. In order to obtain better nominal
aiming points, more calculations remain to be done. Fig-
ure 6 illustrates miss distance vectors and the compo-
nents BT and B*R; current estimates of the miss
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components B+ T and B + R, based on Trajectories 1 and 4,
give 28,000 km and 2000 km, respectively.

B. Engineering Mechanics

The first Mariner R spacecraft structure was delivered
to the spacecraft assembly facility little more than 3
months after start of preliminary design. Prototype tests
included both temperature and vibration tests, as well
as functional tests.

A match-mate test has been completed between a
spacecraft mockup and a prototype Agena B-spacecraft
adapter. Despite the similarity of both spacecraft and
adapter to Ranger items, many incompatibilities were
found to exist. The carly completion of the test allowed
these incompatibilities to be corrected without schedule
delay. A final verification of the mechanical interface was
achieved when the structural prototype spacecraft was
mated to a flight-tvpe adapter in preparation for the
combined vibration test.

Thermal tests on the basic hex portion of the space-
craft have been successfully completed in a cold walled
vacuum chamber. Electrical resistance  elements were
used to simulate the heat dissipated in the various elee-
tronic assemblies of the hex and to heat the surface of
the upper shield. A thermal balance was obtained for a
number of the more critical flight modes.

The primary conclusion from these tests was that it is
reasonible to expect that the temperature of the assem-
blies in the hex portion of the spacecraft can be controlled
within the present Hight aceeptance limits, The exchange
of heat within the hex portion was better than had been
anticipated on the basis of caleulations, The lowest meas-
ured temperature internal to the hex during any flight
mode wias 42 F on the servo ring: the highest mcasured
temperature was 77 F on the science assembly. (These
limits were exceeded esterior to the hex enclosure with
alow of 58 F measured in the arcas of the umbilical
plugs and a high of 300 F imposed on the upper solar
shield.) Primarily, as i result of this good thermal e-
change, the louvers on the tace of the science assembly
were removed and a lighter weight thermal shield was
substituted, Large thermal gradients across the face of
some of the hex boves due to an uneven distribution of
power (as was experienced in previous tests performed
with the individual boxes) were not found. The largest
temperature difference in any 1 box was 6 F. Tt is prob-
able that the reason for this small difference is that the
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ratio of the amount of heat transmitted internally within
the hex to that transmitted externally to space is large.

Several predictions concerning the heat balance of the
hex portion were partially confirmed. The average tem-
perature of the hex is relatively independent of the solar
heat of the upper thermal shicld. With an upper shield
surface temperature of 70F (representing that at Earth)
to that of 300°F (representing a case near Venus), the
average temperature of the basic portion of the Mariner R
experienced a rise of only 10" F. This was also the first
series of tests emploving a heat shield instead of polished
or plated surfaces on the hex assemblies. Indications are
that it is a good method of obtaining a low effective
emissivity

In general, the series of tests was felt to be valuable,
verifying the design approach chosen and providing good
preparation for more extensive tests. Future tests will
involve increasingly complex prototypes and finally tl
flight units themselves.

Various vibration tests and modal surveys have been
performed on portions of the structure and component
parts. Prototype tests have verified the adequacy of the
superstructure and the radiometer structure and their
method of attachment. Type approval tests have verified
the adequacy of the solar panel structure and high gain
antenna when subjected to a greater than expected vibra-
tion environment. A modal survey of the entire spacecraft
mounted on a rigid base has verified that frequencies
and mode shapes of the structure as a whole and com-
ponent parts are acceptable. The resonant frequencies
of the structure as a whole and of component parts are
significantly separated, resulting in a minimum of dynamic
coupling. The entire structure looks adequate, the lowest
resonant frequency being above the design goal of 30 cps.

Modal tests are now underway on the comple’e strue-
ture mounted on the Agena adapter. A composite
vibration test of the prototype spacecraft and adapter is
planned, as well as a test of the spacecraft on the adapter
with the shrond installed.

C. Propulsion

The function of the Mariner R mid-course propulsion
svstem is to remove or reduce Agene B injection disper-
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sion errors so that a Venus flyby with a sufficiently small
miss distance can be reasonably assured. This function
is performed during the single spacecraft mid-course
maneuver (exccuted approximately 8 days after launch)
at which time the spacecraft is directed to turn to a
prescribed position in space and impart a4 corrective
impulse via the mid-course propulsion system,

1. System Description

The Mariner R mid-course propulsion system is essen-
tially the same 50-lb-thrust monopropellant hydrazine
propulsion system developed for the Ranger RA-3, -,
and -5 spacecraft; primary variations to the Ranger system
consist of the (1) utilization of nitrogen instead of helium
as the pressurizing medium to accommaodate better the
8-day launch-to-mid-course mancuver storage require-
ment, (2) painting and surface finish changes consistent
with Mariner R thermal control requirements, and (3) the
inclusion of dual-bridgewire. hermetically sealed squibs
in place of the single-bridgewire Ranger squibs.

A schematic of the propulsion system is shown in
Figure 7. The system utilizes a liguid monopropellant.
anhydrous hydrazine, as the propellant. It is functionally
a regulated-gas pressure-fed, constant-thrust rocket.
Principal system components consist of a high pressure
gas reservoir, a gas pressure regulator, a propellant tank,
and a rocket engine. The rocket engine contains a
quantity of catalyst to accelerate the decomposition of
hydrazine. The engine nominally develops a vacuum
thrust of 30 b and a vacuum specific impulse of 235
Ib-sec/1h (without jet vanes).

Explosively actuated valves are used throughout the
system. Normally closed explosively actnated valves are
fired to initiate nitrogen pressurization of the propellant
tank, to initiate propellant flow to the rocket engine, and
to release nitrogen tetroxide from the engine ignition
cartridge. Normally open explosively actuated valves are
fired to terminate nitrogen pressurization of the propel-
lant tank and propellant flow to the rocket engine.

The design and operational philosophy of the system
represented in Figure 4 is dirceted toward maximizing
system reliability and reproducibility, minimizing pre-
flight handling and spacecraft interactions, minimization
of inflight clectrical signals, and minimization of the
number of system components. In order to avoid elee-
trical or mechanical sequencing, the propellant tank s
prepressurized with nitrogen during the preflight opera-
tion so that engine ignition and regulated nitrogen pres-
surization of the propellant tank can oceur simultancously
through 1 signal from the central computer and sequencer
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(CC&S). Similarly, only 1 signal is necessary for thrust
termination; therefore, a total of 2 signals are required
by the mid-course propulsion system for impulse initiation
and termination,

The propulsion system can be fueled and pressurized
several weeks prior to launch and emplacement within
the spacecraft. The system in the pressurized and fueled
condition is safe for personnel to work around over the
temperature extreme of 35 to 185°F. No spacecraft
umbilicals or hard lines are required to maintain the
propulsion system in the ready condition,

The firing of the mid-course propulsion system is con-
trolled by the CC&S. For the mid-course maneuver, the
CCA&S receives the time, direction, and magnitude of the
mid-course firing through the ground-to-spacecraft com-
munication link. After the spacecraft has assumed the
correct firing attitude, the mid-course propulsion system
is ignited (at the prescribed time) through an electrical
signal from the CC&S. Inasmuch as the propellant tank
is prepressurized. the rocket engine ignition can occur
concomitantly with the release of the high pressure
nitrogen to the regulator without allowing time for the
propellant tank pressure to build up to the normal oper-
ating level, Thrust termination is controlled by the CC&S
via an electrical signal once the specified velocity incre-
ment has been realized as computed by the spacecraft
integrating accelerometer. During  the rocket engine
firing. spacecraft attitude is maintained by the autopilot-
controlled jet vane actuators,

The specific sequence of events for the propulsion sys-
tem subscequent to spacecraft orientation and up to thrust
termination is as follows:

(1) At the command signal from the CC&S to ignite
the rocket, normally closed explosive valves
(Fig T, <8) and @ are fired allowing regu-
Luted nitrogen pressurization of the propellant tank,
propellant low to the rocket engine, and injection
of a small quantity of nitrogen tetroxide to the
rocket engine.

“

Hypergolic ignition ensues, followed by continuous
catalvtic monopropellant decomposition of the an-
hydrous hydrazine,

-

3 At the command signal from the CC&S to terminate
rocket thrust, normally open explosively actuated
valves (7) and (21) are fired, terminating
propellant flow to the rocket engine and positively
isolating the remaining pressure in the nitrogen
sphere from the propellant tank.
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Figure 7. Propulsion system

204 CO 'FIDENTIAL



CONFIDENTIAL

2. Development Program

The chronological development program of the Langer
mid-course propulsion system was reported in SPS 37-3
through -11.

In addition to the aforementioned reported work, a
flightweight propulsion system with solenoid valves in
place of the explosive valves and nitrogen in licu of
helium as the pressurizing medium was thoroughly tested
at ambient test cell conditions over the Mariner R design
limits. Figure 5 depicts the test cell setup. A 4-to-1 flight-
weight engine in lieu of a #4-to-1 flight engine was used
for the ambient tests. A total of 10 hot firings were con-
ducted with propellant tank prepressurization  levels
ranging from 0 to 5530 psig, oxidizer start cartridge pres-
sures ranging from 327 to 415 psig, and oxidizer (N.O)
injection quantities of 12 and 18 cc. Successful ignitions
and steady-state operation were realized for all 10 firings.
It is interesting to note that successful engine ignitions
with simultancous actuation of all valves (no sequencing)

SOLENOID VA
SUBSTITUTION FOR
EXPLOSIVE VALVE

N'TROGEN T

~hong

Figure 8. Flightweight system test cell setup
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can be accommodated with propellant tank prepressur-
ization levels as low as 0 psig and as high as 550 psig,and
with injected oxidizer quantities of 12 and 18 cc. It
appears that the bipropellunt ignition scheme for the
Mariner R and Ranger 50-1b thrust engine is not critically
affected by N.H, injection pressure, NLO, injection pres-
sure, and quantity of injected N,O,. System operation
with the nitrogen pressurizing medium was wholly satis-
factory during the course of system testing.

Ranger propulsion systems RA-5 and RA-5 spare were
diverted from use on Ranger spacecraft RA-5 and will be
used in Mariner spaceeraft. The units have undergone
modification consistent with Mariner R requirements. (In
addition to the aforementioned 2 systems, a 3™ svstem
for the Ranger RA-6, -7, -8, and -9 program will be used
as a spare system for the Mariner R program.) The MR-1
flight svstem buildup has been completed except for the
installation and alinement of the jet vanes. A January 8§,
1962, delivery of MR-1 to the spacecraft assembly facility
(SAF1 is scheduled, and MR-2 buildup has commenced
in support of the January 22, 1962, MR-2 SAF delivery
requirement.

The flight-weight test svstem was then modified con-
sistent with Mariner R requirements and turned over for
temperature control tests in the  temperature  control
model spacecraft. All flight thermal control features (sur-
face finishes, ct¢) were duplicated on the test unit, and
9 1b of water were placed in the fuel tank to simulate
the propellant thermal load.

The MR-1 flight system weights (actual) in pounds are
summarized in the following:

Dry unserviced propulsion system weight J2L07
Nominal propellant load. N.H, (including

reserves) - o ..9.40
Nitrogen (includes N, in the N, tank.

propellant tank, and start cartridge) ... ... 0.85
Oxidizer, N.O, 0.04
Cabling VR It |
Jet vane actuators (4. . e 2201
Pyrotechnics (estimated) 041

Total propulsion system weight . .. 35.29
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IIl. Mariner B

A. Spacecraft Design

1. Introduction

The preliminary design of Mariner B is in progress.
A spacecraft working configuration has been chosen, the
design characteristics and restraints have been written,
and the various functional specifications can now be
generated. Completion of the functional specifications
will signify the completion of preliminary design.

Initial effort has centered around attempting to better
understand the problems and to set forth design philoso-
phies in the areas of structural design and dynamics,
temperature control, instrument integration, pyrotechnics,
and packaging. With this as a basis, it is intended that
the functional specifications, including adequate design
layouts for nearly complete interface definition, will be
able to serve as a frm guide during the detail design and
development periods.

Emphasis has been placed on maximizing the
reliability of the basic bus within the weight and space
limitations imposed. Such things as redundancy in the
pyrotechnics system, minimization of interdependence of
events, minimum reliance on active temperature control,
and minimization of articulating members fall in this
category. The dual planet capability and its effect on
the configuration, especially in the arcas of temperature
control, sensor location, and the planctary horizontal
platform, were also of major concern, as was the capsule
carrying capability.

CONFIDENTIAL

2, General Configuration and Mechanics

The Mariner B spacecraft is capable of performing
scientific investigations at the planets Venus and Mars
during their periods of availability in 1964 through 1967.
It also has the capability of performing interplanetary
scientific investigations in the regions between Venus
and Mars.

In order to have this dual planet capability and be able
to perform its required missions, the spacecraft consists
of a hexagonal instrument compartment, referred to as
the basic bus, and a 145 ft* solar cell array. This array is
made up of 90 ft* of erectable solar panels and 55 ft: of
fixed panel, the latter serving also as a solar shield to the
basic bus. In this manner the spacecraft temperature
control system can be made less sensitive to the large
difference in the solar constant at Venus and Mars.

In order to perform the planet oriented experiments,
the spacecraft configuration has the ability of carrying a
2-deg-of-freedom platform for planetary scientific instru-
ments.

In satisfying the communication system requirements
the spacecraft configuration includes a steerable high
gain 4-ft parabolic antenna, with a fixed feed and a low
gain, body fixed array.

The spacecraft attitude control system uses the Sun
and Canopus as reference bodies. The spacecraft roll
axis, normal to the plane of the solar panels, is pointed
toward the Sun; its roll orientation is maintained by
a Canopus sccker. (Canopus is roughly a south polar
ccliptic star with an apparent visual magnitude of - 0.73.)

207



CONFIDENTIAL

JPL SPACE PROGRAMS SUMMARY NO. 37-13

The spacecraft propulsion system is an integral unit
casily removed from the spacecraft. This unit consists of
a 50-Ib-thrust hydrazine engine, and a propellant tank,
sized to impart a velocity increment of 200 m see to a
1500-1b spacecraft. Integral with this unit is its own
pressurization system and all the associated valving and
plumbing. The propulsion unit mechanically ties into the
spacecraft at the bases of 3 of the 8-hex colunns (Fig 1),

In addition, the spacecraft has the capability of carry-
ing or not carrving a small capsule and certain capsule
related items. For 1965 and subsequent missions, these
items include a receiver in the spacecraft bus (capable
of receiving the capsale transimissions and forwarding
them to a data storage system) and planetary approach
guidance equipment. It a capsule is Hown on the Mars
1964 mission, the capsule shall communicate divectly
to Farth after separation from the spacecraft bus. The
capsule~bns mechanical interface consists of an adapter
section which contains a capsule separation joint and
an adapter bus field joint, The ficld joint ties into the
top of the basic hes, and carries across it the necessary
clectrical disconnects to support the separition release
svstem and the capsule-adapter electrical interface. The

Figure 1. Propulsion unit mounting fixture
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capsule separation will be a spring ejection system with
a pyrotechnic release mechanism. The capsule-adapter
clectrical disconnect will be a passive O-engagement type
quick disconnect.

Due to uncertainty in the capsule size and weight at
this time no extensive detail design effort will be devoted
to the capsule-adapter or capsule-adapter separation
joint. However, a structural bus interface will be estab-
lished so that a capsule-adapter may be subsequently
introduced.

The spacecraft, as now envisioned, incorporates 11 actu-
ators to perform its necessary tracking, scanning, and
articulating functions. This total can be divided into 2
groups: 1 of 6 passive actuators, the other of 5 servo-
actuators. The 6 passive actuators are used in the erection
of the 4 solar panels, the antenna, and the PHP boom.
Of the 3 servoactuators, 2 are used for the antenna track,
2 tor the PHP track, and 1 for the planet scan.

The Canopus secker requires 2 deg of freedom. One is
mechanized by an all electronic system, and the other is
provided by the spacecraft roll freedom, thus avoiding
any mechanical actuators. Since the spacecraft roll con-
trol is provided by the Canopus secker rather than an
antenna-mounted Earth sensor, as on Ranger and Mari-
ner R the antenna tracking system becomes slightly more
complicated. With the spacecraft assuming an inertial
reference system (the Sun-probe-Canopus svstem) the
antenna must be capable of tracking the Earth through
2 deg of freedom without masking the Earth by the space-
craft itself. To satisfy this requirement the antenna is pro-
vided with an azimuth-clevation type mount. This mount
is crected a suitable distance away from the spacecraft
to avoid masking the Earth. In this manner the view
ficld of the antenna is somewhat greater than a L ai-
sphere. In order to have the ability to track during the
propulsion maneuvers, the antenna view must e»compass
an unobstructed hemisphere whose base is parallel to the
thrust vector. The present scheme satisfies this condition,

The 2 actuators could be removed if an antenna-mounted
Farth sensor were used for spacecraft roll control. These
2 actuators consist of 1 passive actuator for the antenna
crection and 1 of the 2 servos, with the spaceeraft roll
affording 1 deg of freedom. On the other hand, the dis-
advantages in this scheme are numerous. To be considered
are:

(1} The mechanization of such an Earth sensor to cope

with the dyvnamic range of the Earth as seen from
the spacecraft in going to both Mars and Venus,
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(2) The compatibility with the Farth-probe-Sun angle
going to 0,

(3) Fhe complication of the planet track scheme at
enconnter,

(0 The inability to communicate during propulsion
mancuvers,

The remaining -+ actuators are required for the PHP,
This instrument has an azimuth-elevation mount erected
suitably away from the spaceeraft to satisfy the planet
look angles. The sensitive axis of the PHP is servo-locked
to the center of the planct dise by means of a planet
horizon secker and 2 servo actuators, The planet oriented
experiments scan about this axis using a programmed scan
actuator.

Figure 2 is a photograph of a full scale configuration
mockup now under construction. \ drawing of the space-
craft is shown in Figure 3.

3. Structural Design

A structural test model based on the proposed design
configuration is nearing completion of fabrication. This
model will be subjected to dynamic testing which s
scheduled to start carly in January 1962, Determination
of normal-mode characteristies (i, frequencies, mode
shapes, and structural damping coeflicientsy will be the
prime goal of the tests. These results will then be com-
pared to the computer analysis to ascertain the validity of
certain assumptions made in the analysis. Upon cample-
tion of all modal surves work_ it is planned to subject the
test madel to the stenctural type approval dyvnamic test.

Figure 2. Full-scale configuration mockup
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A solar panel optimization study has been initiated,
wtilizing a structural configuration similar to that used ou
Mariners A and R, The panel area required for the Mars
mission (225 {t° per panel) is best achieved by using
2 longitudinal main beams with the typical corrugation
structure spanning transversely. The advantage in this
configuration comes from the corrugation stiffness require-
ment being dependent on panel width rather than length.
Thus, fonger solar panel lengths do not increase the
weight nearly as rapidly as when corrugations  span
lengthwise, The beams, which are dependent on punel
length, can be efficiently designed by taking advantage
of increased depth to achieve stiffness. This construction
is readily adaptable to pancls which will ease the han-
dling and cell installation problems. Structural splices
between modules can be accomplished with but slight
pemilty in unusible panel arca.

Preliminary study work has been completed on a solar
concentrator structure as proposed by Boeing Airplane
Company. This design consists of corrugation construe-
tion. This tvpe of panel can be considered for use on the
Mars vehicle only, It cannot be used at Venus because
the cell operating temperatare is too high.

Structural consideration of the antenna and PHP has
been limited to configuration and location studies. The
position of the antenna requires that the fived feed intrude
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Figure 3. Mariner B spacecraft configuration
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into the center of the basic hex and under the capsule.
This requires that a 8-point truss be used to support the
capsule.

Some structural improvements have been made in the
mid-course propulsion system. The motor support struc-
ture has been lightened by more efficient structural use
of the metal. The usual ring support for the propellant
tank has been eliminated in favor of 3 local hosses on
the tank to which the support truss is holted.

4. Structural Dynamics

a. Environmental vibration criteria. As an interim
measure, pending more detailed investigation, the space-
craft vibration environments to be used for structural
design have been selected to be identical with those speci-
fied for the Surveyor spacecraft.

b. Modal vibration analysis. Modal vibration analysis
of the Mariner B spacecraft makes use of an existing
digital computer program applving to pin-jointed space-
frames having masses concentrated at the joints. Inasmuch
as the basic bus is more characteristic of semimonocoqgue
construction than truss construction, adequate elastic and
inertial representation of the complete spacecraft (i.c.,
bus, fold-out solar panels, antenna boom, and PHP hoom)
is encumbered by limitations in conceptual translation
from the actual to the fictitious structure, and in limita-
tions in the number of degrees of freedom which can be
accommodated in the computer program. Accordingly,
supplementary-methods development has been initiated
to permit modal-type analyses which employ normal
modes of major components (e.g., bus, panel, or boom) as
generalized coordinates in a Lagraogian treatment. By
this building block technique, the number of degrees of
freedom which need be treated in any one computer run
may be substantially reduced and the strctural repre-
sentation of ecach component may be upgraded accord-
ingly, as required.

Investigations show that this approach may be devel-
oped in a routine manner when cach panel (or boom) is
supported on the bus in a statically detenminate manner
(e.g., cantilevered or simply supported.) However, a solu-
tion for the case of statically indeterminate support has
not been examined.

The currently proposed interlatching of adjacent solar
panels, in conjunction with a link-type support from the
bus ncar each panel free edge, introduces redundancies
which may induce large loadings on panel hinges and
latches during the boost phase. At the same time, the
high shear stiffness of the interlocked solar panels has a
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marked effect on raising the natural frequencies of the
1" several oscillation modes of the spaceaaft.

Further investigation of this structural configuration is
planned by an integrated program of theorctical analysis
and modal vibration tests.

c. Measurement of rigid-body mass parameters. The
desirability of minimizing handling and reorientation of
large spacecraft during the measuring of weight, cg
coordinates, and centroidal moments of inertia in pitch,
roll, and yvaw is recognized. Accordingly, a test setup has
been conceived which appears to permit adequate meas-
urement of all of these properties with the spacecraft in
its nominal vertical position. In particular, when the
centroidal products of inertia about pitch-roll and yaw-
roll axes are very small, analysis shows that accuracy
requirements can be met.

The essential feature of the proposed method is utili-
zation of a trifilar suspension. Weight and the cg location
in the x-y plane are first determined by conventional
static measurements, Subsequently, a helical spring of
suitable stiffness is inserted in 1 of the 3 filaments, per-
mitting determination of vertical ¢g position and a cen-
troidal moment of inertia about an axis in the x-y plane
as functions of sctup parameters and measured frequen-
cies of 2 natural oscillation modes. Repetition of this
process with the spring placed, successively, in the other
2 filaments gives measurements of centroidal moments of
inertia about other axes in the x-y plane. From the 3
moments of inertia so determined, centroidal pitch and
vaw moments of inertia and the centroidal product of
inertia about the pitch—-vaw axes may be derived. The roll
moment of inertia is obtainable by use of the suspension
as a conventional trifilar pendulum.

The analysis is being extended to determine the influ-
ence of pitch-roll and vaw-roll products of inertia on the
accuracy of the determinations and, moreover, on the
practicabhility of measuring these products of inertia with
meaningful accuracy.

5. Temperature Control

a. Basic hex. Since SPS 37-12, there has been a basic
change in the temperature control philosophy. It was
determined that the internal conducting plate can not
be made in 1 picce; a multi-picce unit, with many more
joints having indeterminate conductance values are nec-
essary. The extra joints change the internal temperature
gradient from 30°F to approximately 70°F. This gradient
uses too much of the allowable temperature range of most
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equipment to allow adequate margins for all unknown
surface properties, conduction paths, view factors, etc.

Currently, the basic temperature control scheme utilizes
the exterior surface of the spacecraft as the primary
radiator, the heat path being radially outward from the
electronics. Provision is made for the components to
either attach directly to this radiator or to be physically
separated from it (Fig 4). This allows control over the
flux path, a direct path to the radiator when the heat flux
is large, and an indirect path when the heat flux is low.
Since the path lengths are shorter and there are less joints,
the temperature variations due to the unknowns in the
path lengths are lower than in the previous approach.
The exterior shell of the spacecraft will be as smooth and
unbroken as possible to allow each particular segment
of the surface to have as large a view factor to space as
possible. This minimizes interaction effects between vari-
ous sections of the spacecraft.

As many components as practical will be included
inside the outer shell of the spacecraft hex, giving cach
a more predictable environment than possible if they are
mounted externally. The interior of the spacecraft hex
will be as open as possible, linking, by radiation primarily.,
all of the subsystems into a more isothermal package. This
allows more of the spacecraft hex than just the item con-
cerned to react during power transients or solar heat loads
during unoriented periods, thus reducing the accompany-

Q00D THERMAL CONTACT
WITH EXTERMOR RADIATOR

BACK OF EQUIPMENT
(FACING INWARD) TO
HAVE OPEN PATH FOR
RADIATION TO SUS
INTERIOR

OPEN STRUCTURAL
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ing temperature variations. Active controls, to modify the
heat flux or the flux path, will be provided where opera-
tional temperature tolerances are small.

During cruise, the spacecraft is isolated from the solar
heat load by the fixed solar panel array which is insulated
on the back, or by an insulated shield. This is necessary
due to the large changes in solar intensity between the
Earth and either Venus or Mars However, during
maneuvers the spacecraft will be forced to endure solar
input directly to certain radiator surfaces, causing large
changes in the amount of heat to be rejected. Presently
the only way to handle these large solar inputs is by
thermal inertia and limiting the amount of time such con.
ditions will he experienced. There is no way available
within the present weight limits to effectively transfer
these quantities of heat without large temperature differ-
ences from 1 side of the spacecraft to the other.

b. Capsule. As presently envisioned, the capsule will
be flown in the shade below the spacecraft. The ablation
shield utilized for planctary entrance protection will also
provide a high resistance heat path during cruise allowing
small clectrical heaters to maintain the capsule interior
temperature at a desirable level. If the ablation shield
does not provide cnough insulation and the capsule
requires more power than can be allocated, additional
lightweight insulation will be added to the capsule or the
spacecraft will be inverted, placing the capsule in the Sun.

LIMITED OR NO THERMAL
CONTACT WITH EXTERIOR
RADIATOR

EXTERIOR RADIATOR

2
I-in. AND 2-in.
DIsSImaTION SU' MODULES BOLTED

TOGETHER 4 PLACES TO
GIVE MAXIMUM
STRUCTURAL RIGIDITY
AND THERMAL CONTACT

SUPPORT FRAME WORK

GOOD THERMAL
CONTACT WITH
STRUCTURAL BOX
OR PLATE WHICH
RADIATES TO
BUS INTERIOR

Figure 4. Thermal needs related to packaging mechanics
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In either case, temperature control of the capsule after
separation will probably require a slow tumbling rate to
equally distribute the solar heat input and minimize
cross-capsule temperature gradients.

c. Components. The temperature control aspects of the
external actuators, antennas, and external sensors are
being investigated. However, based on past experience,
these kinds of component must be able to operate over
an extremely wide temperature range. Such things as
unavoidable shading during maneuvers, variations in area
exposed to sunlight during operation, low ratio of weight
to surface area, and large variations in internal power
introduce requirements for wide temperature tolerances.

Rough estimates of the ranges of temperatures to be
expected by these components are listed in the following:

External actuators, — 100 to 200°F,
Antennas, —100 to 250°F.
External sensors, — 100 to 200°F.

d. Solar pansls. Preliminary analysis has been com-
pleted on the solar panels, allowing a fairly representative
picture of the operating temperatures of the fixed and
folding solar panels. In the present configuration, Table 1
lists the operating temperatures for various points in the
trajectory. The range in values for a fold-out panel include
the effects of the electronic boxes, variations in surface
properties, and various doublers and gussets on the back
side.

6. instrument Integration

In order to provide as ideal an environment as possible
for the scientific instruments, it is desirable to mount
them inside the protective external hexagonal cover. This
desire sometimes conflicts with the requirement of the
instrument to have a clear view (with a fairly large cone
angle) free from interference by the spacecraft and its
appendages. This problem is complicated, in many cases,
by the requirement to view the Sun as well as space at

Table 1. Solar panel operating temperatures

Pans! Venus farth Mars Mers l
perihelion, °F | periholion, °F [ porihelion, °F | aphelion,
Fold-out 21310227 | 1Mo 124 2010 33 P10 21
Fined 342 219 107 54
{insviated on
back}
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various stipulated angles to the Sun. In the case of a
spacecraft such as Mariner B, employing large solar
panels, this requires either peering over the edge of the
panels or through holes provided for that purpose. In
order to minimize the conflict of these requirements, the
initial effort in instrument integration has centered around
defining the requirements more precisely:

(1) The size and weight of the unit.
(2) Its view direction(s) and cone angle(s).

(3) The ability to separate the sensor from the elec-
tronic equipment.

(4) The allowable thermal environment, particularly
of critical components.

Much of this preliminary information is now available
as a result of close liaison with the experimenters, and as
soon as the cruise attitude of the spacecraft is determined,
each of the spacecraft fixed instruments will be assigned
a location.

The planet oriented experiments present special view-
ing problems during planetary encounter due to the

EARTH ANTENNA
14 AZIMUTH ANGLE

TO TARGET PLANET

Figure 5. Coordinate system for 1964 launch
opportunities
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requirement of tracking a moving target relative to the
spacecraft. A planet oriented horizontal platform (PHP)
with a superimposed 1-dimension scan movement fulfills
this need. For the Mars and Venus missions of Mariner B
the following problems must be considered:

(1) All spacecraft field of view constraints for the de-
signed trajectory and planet pass for each target
planet.

(2) Any modification to the spacecraft necessary to
provide dual planet capability.

(3) Introduction by later year missions of any new
constraints which might affect spacecraft design.

(4) Planet pass dispersion effects on PHP field of view.

Available information is insufficient to resolve all of
these problems at this time. It is sufficient, however, for
analyzing the 1964 opportunities. Figure 5 shows the
coordinate system used for the analysis. Figures 6 and 7
show the Venus and Earth trajectories, respectively, rela.
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tive to the spacecraft. These curves appear framed by
the interference outline of the spacecraft. Figures 8 and 9
show similar plots for the 1964 Mars encounter. In order
to achieve the clear fields of view indicated, it was neces-
sary to roll orient the spacecraft relative to Canopus as
shown in Figure 5. It is not clear that this same roll offset
will satisfy the later missions. It may be that gyro control
of roll orientation during encounter will be necessary in
order to preclude relocation of the Canopus seeker for
each mission.

An interesting effect of the 50-deg roll offset is the
resultant scan pattern for the instruments. Figure 10
demonstrates a typical Venus scan with the scan axis
parallel to the boom swivel axis. The chart is a mercator
projection of the planet surface showing the trajectory
path from right to left with the scan pattern above and
below it at various times before and after closest approach.

7. Pyrotechnics

Exploding wire is being considered as the ignition
approach for the pyrotechnics system on Mariner B. This

1) ‘ -
: \_..- HINGE RATE LIMIT ‘*\:\
0
- HORIZON SEEKER 70 - deg CONE 60,000 hm
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< | 1
o
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Figure 6. Venus trojectory relative to spacecraft
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decision has been in part promoted by the recent atten-
tion focused upon conventional hot-wire pyrotechnics
by the AMR Safety Committee. That office has issued a
document requiring 1 amp, 1 w, no-fire squibs in all
future operations at AMR. This requirement imposes
stringent design constraints on the ignition system and
indicates a trend which significantly reduces the desira-
bility of hot-wire systems.

It is intended that a backup design be carried through
the initial phases of the design, utilizing capacitive dis-
charge ignition and 1 amp, 1 w, no-fire squibs.

The design criteria and requirements for the pyro-
technic system are as follows:

(1) There will be full redundancy in the command,
control, cabling and explosive subsystems (i.c., 2

independent, commands, ignition channels, and
bridgewires or squibs).

(2) Requirements imposed on the pyrotechnic system
for close tolerances in firing 2 or more devices will
be held to a minimum. Any requirement for any
tolerance in this respect must be arbitrated at the
carliest possible date.

—_
[}
Rt

Ignition of all squibs will be performed by explod-
ing wire techniques with a backup design being
carried for conventional 1 amp, 1 w, no-fire squibs.

(4) The total number and description of required
events is not yet available and will be necessary
before the system can be completely defined.
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Figure 7. Earth trajectory relative to spacecraft, 1964 Venus encounter
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(5) The weight of the ignition system and firing harness
utilizing redundancy is estimated to be 10 Ib.

(8) The pyrotechnics system will derive its power from
the main spacecraft dc supply.

(7) Exploding bridgewire simulators are being devel-
oped for system test operations.

8. Packaging

The basic packaging concepts for Mariner B have not
changed since the last reporting period. Some modifica-
tions have been made in the design to accommodate the
change in philosophy for the temperature control of the
spacecraft and as a consequence of further development
of chassis and subchassis design. The original basic design

JPL SPACE PROGRAME SUMMARY NO. 37-13

philosophy for temperature control (that the heat flow
would be inward and upward) has now been revised to
provide for direct mounting of high heat dissipating sub-
assemblies on the radiating surfaces and located as far
from the solar panels as possible. The low power dissi-
pating equipment would still conduct toward the interior
of the spacecraft but with provisions for a thermal control
shield to be mounted externally to the subassemblies on
the outboard side.

The use of plug-in subassemblies for the low and
medium powered assemblies is a design goal to provide
better wiring between these subassemblies having a rela-
tively high pin density. The use of a double width
subassembly is contemplated for some assemblies with
digital type circuitry to reduce the interconnecting wiring
between subassemblies. For these double-width units it is
presently planned to eliminate the center bulkhead ring
of the structure.
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Figure 8. Mars trajectory relative to spacecraft
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IV. Voyager

A. Synopsis

Specific efforts directed to the accomplishment of the
Voyager Project have been initiated. The Systems Divi-
sion is participating with the technical divisions in the
generation of mission objectives and the preparation of
preliminary systems design specifications for interplane-
tary spacecraft to be used as planetary orbiters and
landers, and out-of-the-plane-of-the-ecliptic probes, using
the Saturn vehicle as the booster.

The Space Science Division is conducting Voyager
scientific feasibility studies to establish the feasibility of
meteorological, biological, and certain adaptions of geo-
logical experiments for the Voyager, and to refine the
knowledge of the Mars and Venus environments as they
may affect the experiments and spacecraft for these flights.

The Guidance and Control Division is continuing its
studies of guidance and control requirements, methods,
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and techniques for advanced planetary missions, both
those currently planned and those that become necessary
or desirable as a result of discoveries on early planetary
exploration missions that require further exploratory
operations. The methods to be used include study of
possible mission requirements to deduce the general
requirements for guidance and control subsystem per-
formance, evolution of subsystem configurations to
accomplish the required tasks, and parametric and error
analyses of typical missions and operating situations to
determine the ranges of parameters and tolerances
required.

The Engineering Mechanics Division is performing
Voyager spacecraft studies, including analytical investi-
gations of configuration, thermal control, entry and land-
ing dynamics, postlanding and roving techniques, booster
compatibility, multiple mission, or universal design con-
cepts and compromises, and structural design problems.
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ADVANCED DEVELOPMENT

. Lunar

The Lunar Advanced Development Program consists
of those projects and efforts which will extend the state-
of-the-art and will provide knowledge applicable to a
specific problem or technical field of interest, thus lead-
ing to the development of hardware necessary to the
planned Lunar Exploration Program. The Advanced
Development Program also establishes a mechanism to
ensure exploitation of advances in the state-of-the-art.

A. Ultra-High-Speed Optical
System

A research and advanced development effort is being
performed (by Optics Technology, Inc., Belmont, Cali-
fornia, under contract to JPL) to demonstrate the feasi-
bility of an optical system with a relative aperture of
less than f/1 and whose complexity in component ele-
ments is simplificd by the use of fiber optic constituents.
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Previous systems which have been developed with similar
performance characteristics have been, in large, too com-
plex, bulky, and unsuited for the space environment.

A large portion of the program is to conduct possible
application studies of optical systems possessing the fol-
lowing characteristics:

(1) Low relative apertures (less than f 1).
(2) Wide field angles (20 to 40 deg).

(3) Capability of approaching the diffraction limitation
of light in image quality.

(4) An optimum resulting image plane which will be
flat and capable of using photographic plates for
system testing.

(5) The capability of performing under severe environ-
mental conditions.

(6) Utilization of fiber optics components to achieve
simplicity in number of components and minimiza-
tion of optical alinement difficulties.

(7Y Capability of performance in ultraviolet, visible,
and infrared regions of the spectrum.
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The resultant system would possess the advantages of
dynamic scanning and/or space filtering capabilities.

One system will then be selected, based on the study
results. An optical system breadboard model for study,
testing, and design will be constructed. The fiber optics
components, as they are developed, will be subjected to
complete space environmental testing.

An image synthesizer for comparing various image
degrading effects using a variety of test objects has been
constructed and is now in use. In initial 3'* order aberra-
tion analysis, spot diagrams were used that approximate
the intensity distribution for primary spherical aberra-
tions, zonal spherical aberrations, coma, and diffraction
rings in an airy disk. A series of photographs was made
where the size-to-spot diagram dimensions varied between
% and 20. This analysis will be extended to take account
of diffraction in the presence of aberration, and spot dia-
grams of the point spread function with degrees of spheri-
cal coma astigmatism, and coma-astigmatism aberrations.

General expressions that define the 3 order aberra-
tions of simple 2- and 3-element reflecting and refracting
systems are being generated and the effect of their de-
pendence on the system parameters is being studied.
Because field curvature and distortion may be ignored
(due to the use of fiber optics) it is expected that a large
number of simple systems exist for which the other 3
aberrations may be corrected.

Initial work has been undertaken to construct a bread-
hoard model of a wide field, low f-ratio optical system,
using a Sutton-type lens system and fiber optics image
corrections. A design with an f 3.5, 4.5-in. system with
a 120-deg total field angle is now under study. The lens
was mounted in a viewing camera having a suitable aper-
ture. The wide ¢ .gle property of the lens was demon-
strated by rotating the lens on its nodal point through a
100-deg angle. No appreciable change was found in the
image quality viewed through a microscope. A fiber
optics field flattener and conical condenser are nearing
completion and will be used to completely evaluate this
system.
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A 27 design with an /2.8, 2-in, system and 120-deg
field angle is being prepared. 1his lens will be incor-
porated with fiber optics image correctors and detailed
tests on its photographic speed and resolution will be
made.

B. Sun Simulator

A laboratory mockup of the Sun simulator (SPS 37-12)
has been developed. The radiation source is a Hanovia
900-w Xenon arc lamp. An f/2 projector lens and an
f/2 camera lens are used for condensing optics (Fig 1)
and an f/1 camera lens is used for the collimating lens.
The setup is limited to an §/2 system because of the
slow condensing optics. The collimating lens has a 50-mm
focal length, and provides a collimated energy bundle
of approximately 1 in. diameter.

Tests conducted by energizing a silicon solar cell show
its short-circuit current to be approximately % its output
in incident sunlight extrapolated to 0 atm. This indi-
cates that radiation intensity is approximately 30 mw/cm?
throughout the spectrum produced by the Xenon lamp.
A radiation intensity of 58 mw/cm? from the Xenon lamp
should energize a silicon solar cell to the same degree
incident sunlight (140 mw/cm?); this is an equivalent
solar constant of 1.

ARC SOURCE APERTURE
/ (#0.020-in. D)

CONDENSER

OPTICS COLLIMATING

SPHERICAL LENS
REFLECTOR

Figure 1. Sun simulator
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[I. Planetary-Interplanetary

A. Synopsis

The Planetary-Interplanetary Advanced Development
effort during FY 62 includes the following long-term
studies, analyses, and developments leading to feasi-
bility demonstrations of advances in state-of-the-art
techniques intended for application to future planctary-
interplanetary projects beyond the first flight missions
now scheduled.

The Systems Division is conducting system analysis
studies related to trajectory and guidance problems asso-
ciated with the return of a vehicle from a planet to Earth;
trajectory and guidance analysis problems for missions
to planets other than Venus and Mars; planctary entry
and descent from planetary orbits; and extended tra-
jectories to other planets. In addition, studies are being
conducted to determine the values and effects of errors
in the fundamental solar system constants.

The Space Science Division is developing an
exobiology microscope and a companion microscope
spectrophotometer. The exobiology microscope is a soil-
sample-gathering-microscope vidicon system capable of
performing visible analysis on soil samples which have
been graded according to particulate size and density.
The microscope spectrophotometer provides a spectral
scan in the rang: 2000 to 5000 A of a sample located
on the stage of a microscope. Additional efforts are
directed to developing sample handling systems for this
equipment. Also under development are microwave
receivers to provide research tools for the scientific study
of Tunar and planctary surfaces, atmospheres, and jono-
spheres; and instrumentation utilizing solid-state radia-
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tion techniques for making measurements of fluxes and
cnergy spectra of charged particles in space. Studies
are heing made on the merits of the interferometer type
of infrared spectrometer, and on wet chemical analysis
techniques applicable to biochemical analysis and life
detection.

The Telecommunications Division is pursuing develop-
ment of a planet-based capsule communication system;
study, design, fabrication, and testing of erectable large
spacecraft antennas; investigation of the application of
all magnetic logic circuitry to spacecraft time-multiplex-
ing and programming subsystems; development of a
high-capacity data storage system; evaluation of various
methods of range acquisition; and analysis and develop-
ment of various circuit techniques applicable to long
range communications.

The Guidance and Control Division is conducting
advanced development efforts in the area of logical
designs for guidance computers; developing experimental
models of 9-ft concentrators and a 500-w thermionic con-
verter to provide techniques which may prove feasible
as spacecraft power sources; and surveving and develop-
ing advanced attitude control system mechanization
methods.

The Engineering Mechanies Division is  performing
advanced development of the use of crushable structures
for entry capsules; a thermal stress plastic analysis of
radiator structures; development of inflatable instrumen-
tation booms for spacecraft application, studies of atmos-
phere entry and temperature control aspects of various
spacecraft configurations: and development of techniques
applicable to the environmental survival of equipment.
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The Engineering Facilities Division is developing in-
strumentation components, equipment, and systems to
support the advanced development efforts of the other
divisions.

In the field of chemical propulsion, the Propulsion
Division is conducting an industry-wide survey of high
energy solid propellant development activities in order
to select propellants for investigation and use with space-
craft. Efforts are also being expended in the evaluation
of throat and nozzle materials.

In the field of electric propulsion, the Propulsion Divi-
sion is keeping abreast of preliminary descriptions of the
SNAP-VIII reactor system, its power conversion system,
and its thrust units, and is evaluating the constraints
they place on the spacecraft and, or constraints the space-
craft should place on these units. Supporting the electric
propulsion are the following efforts being undertaken
by other divisions: trajectory and guidance analysis; sys-
tems studies and preliminary analysis of spacecraft
designs; communication analysis; analytical design of
guidance and control subsystems; and studies and analy-
ses in the areas of structural dynamics, structural con-
figuration, shielding, and temperature control for electric
propulsion spacecraft.

B. Space Sciences

1. Spectra of Venus and Jupiter

Some empirical data studies have been made on the
intensity distribution in the spectra of Venus and Jupiter.
Nitrous oxide absorption has been suggested as an inter-
pretation of the low ultraviolet albedos of these 2 planets
and Mars (Refs 1, 2, and 3), but the available data (Refs
4 and 5) does not seem to corroborate the lLypothesis.

a. Venus. Both Kozyrev (Ref 8) and Heyden, Kiess,
and Kiess (Ref 1) have pointed out that the Cytherean
spectrum was considerably fainter in the near ultraviolet
with respect to the visual region than were the observed
comparison sources. Kozyrev compared the Venus spec-
trum directly to the solar spectrum, while Heyden, Kiess,
and Kiess used the Moon for a spectrophotometric
comparison.

The 3-color photoelectric measures of Harris (Ref 7)
show that the U-B color of Venus is 0".55 more red than
the solar U-B value. In fact, all the planets and satellites
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observed by Harris have U-B greater than 0".14, the
value assumed for the Sun from observations of other
G2V stars.

On the basis of a low ultraviolet albedo alone, there
would seem little justification for the necessity of nitrogen
tetroxide (N,O,) absorption in the blue and near-
ultraviolet regions of the Venus spectrum, as suggested
(Ref 1). Venus actually reflects relatively more ultravio-
let (A, =~3500 A) light with respect to the visual
(Aers = 5500 A) than our Moon (Ref 7), in contradiction
to the spectrophotometric result of Heyden, Kiess, and
Kiess. Ganymede (] 111) is an excellent match for Venus
in both geometric albedo and color, yet N,O, atmos-
pheres are not observed on our Moon or Ganymede.
Moreover, Kaplan (Ref 5) has noted a dissimilarity
between the Venus spectrum and the absorption spec-
trum of nitrogen tetroxide.

In 1953 Kozyrev (Ref 6) found 2 discrete absorption
bands in the violet region of the Cytherean spectrum
at A 4372 and A 4120 A. Neither Richardson (Ref 8) nor
Heyd .., Kiess, and Kiess were able to confirm the pres-
ence of these bands when they compared the Cytherean
spectrum to that of the Moon. Therefore, a search through
the Mount Wilson Observatory plate files was made
and 8 suitably exposed and widened 100-inch coudé
spectrograms were traced in the blue region near A 4372 A
with the Mount Wilson microphotometer. The exposure
dates and phase angles for the Venus plates are given
in Table 1; lunar spectrograms coude 1004 and 896 were
photometered as comparisons. The linear dispersion was
about 3A/mm at Hy, thus the resolution is an order of
inagnitude superior to Kozyrev's.

The tracings of Venus and the Moon are similar in the
A 4372 A region; the absorption band found there by
Kozyrev is not present on the 8 Venus spectrograms
listed in Table 1. A dip of 5% would probably be detected
on the tracings, and a band with a sharp head would
have to be very shallow to avoid detection. It was con-

Table 1. Log of the Venus specirograms

Coudé number Date Venus phase, deg

93 8-6-27 120
464 4-16-32 86
478 5.16-32 10
495 5-22.32 15
506 6-13-22 146
562 10-19.32 1]
565 11.9.32 58
922 4-18.35 53
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cluded that the A 4372 A band is absent from the Cyther-
ean spectrum, at least for phases greater than 50 deg.

b. Jupiter. The faintness of the Jovian continuum in
the blue and near-ultraviolet noted by Kiess, Corliss, and
Kiess (Ref 2) and also observed by Heard (Ref 9) with
lunar comparisons is probably not the usual case. The
photoelectric colors of Jupiter quoted by Harris show
that during his ohservations Jupiter reflected relatively
more ultraviolet, with respect to the visual, than our
Moon. Several calibrated medium-dispersion spectro-
grams were obtained of Jupiter and the Moon on April
28, 1961 at the Kitt Peak National Observatory. The blue
and near-ultraviolet regions to about A 3500 A were not
depressed compared to the lunar spectrum.

Photometric tracings were also made of a set of uncali-
brated medium-dispersion Lick spectrograms of Jupiter
and the Moon taken in 1938 and 1937 with the Crossley
reflector. One spectrogram of Jupiter exposed on July 4,
1937 showed a broad, shallow absorption dip from about
A 3900 to 3500 A; other Jovian spectra had slightly weak-
ened ultraviolet continua compared to the Moon. The
lunar spectrogram was taken at about the same air-mass
as the Jovian spectrograms, but on another night. Since
the spectrograms were not exposed simultancously, these
observations should be given low weight. Still it is pos-
sible that the a*mosphere of Jupiter, or a portion of it,
undergoes definite changes which affect the ultraviolet
continuum; Harris’ compilation of photometric observa-
tions of Jupiter (Ref 7) indicates a variability of the
V{1,0) value on a long time scale,

A systematic patrol program of ultraviolet, blue, vel-
low (UBV) photometry and photoelectric spectral scans
seems necessary to clarify the possibility of Jovian
variability.

2. Atmospheric Entry

Presently conceived spacecraft may incorporate a cap-
sule that will enter the atmosphere of Mars and Venus.
The instruments aboard this capsule will provide the
first on-site data from these planets, and should answer
some of the questions that now exist concerning the
environment of those planets. Most of this information
will be directly applicable to the design of future soft
landing vehicles and contribute to a planned evolution
of our exploration of Mars and Venus. Because more is
known of Mars than Venus, the configuration of the
scientific package is different for cach.

a. Venus. The known facts regarding Venus are:
(1) There is a large amount of CQO. present in the atmos-
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phere. (2) Atmospheric temperature extremes range from
200°K to greater than 600°K, the latter probably being
at the planetary surface. The surface pressure is estimated
to be as high as 100 atm. Thus the spacecraft environ-
ment may be extremely severe for even unmanned
vehicles, and it is extremely important to know, as soon
as possible, what precise design goals should be given
for subsequent missions. The problem of location and
origin of the high temperature is probably the most
interesting problem of planetary science, exclusive of the
problem of extraterrestrial life,

With these considerations, a Venus capsule would be
worthwhile if it could measure the temperature and pres-
sure profiles of the atmosphere. Preliminary studies of a
Venus capsule capability indicate the following specifi-
cations for instruments: (1) pressure dynamic range
(2 sensors)—0 to 20 atm and 0 to 1000 atm; (2) temperature
dynamic range—200 to 700°K; (3) accuracy—both 5%;
(4) data rate—less than 1 bit/sec total; and (5) weight of
sensors—less than 2 lb total. Transducers to perform
these measurements are readily available. The problem
of height measurement is more difficult and has not been
adequately solved. The capsule should also include
devices to report on the behavior of the capsule during
the re-entry phase from which upper atmospheric param-
cters could be deduced.

b. Mars. Knowledge of Mars is more extensive; there-
fore, many physical parameters of the atmosphere and
surface are known well enough to permit predicting the
performance of the capsule and instruments in the
Martian environment. Here the primarv problem is to
collect data that answers the fundamental question of
whether there is or is not extraterrestrial life.

Studies are being made of capsule instrumentation
packages. At present, the experiments to be included on
a capsule are:

(1) Fields and particles. Instrumentation to investigate
the radiation belt and magnetic field of Mars may
include a 3-axis fluxgate magnetometer and simple
radiation detectors.

(2) Upper atmosphere. An attempt will be made to
measure the scale height of the upper atmosphere.
This will be done by using an accelerometer to
measure the maximum deceleration of the capsule.
Even from an aerodynamically calibrated capsule,
it is uncertain whether it is possible to infer the scale
height from this 1 measurement. Any measurement
of upper atmospheric parameters is difficult be-
cause of the disturbance in capsule environment
during the entry maneuver.
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(3) Atmospheric thermodynamics. These measurements
include pressure and temperature profile, specific
gas constant, ratio of specific heats, and density
of the atmosphere. Available instrumentation to
accomplish these measurements are thermistors,
barometers, and sound velocity tubes. To provide
the necessary height information, the feasibility
of incorporating an altimeter is being investigated
to measure altitude to an accuracy of +250 ft at
30,000 ft.

(4) Atmospheric composition. Several instruments are
under investigation to measure chemical com-
position of the atmosphere. These are the gas
chromatograpli, mass spectrometer, solar infrared
or ultraviolet radiometer, and instruments designed
to detect the amount of a single component.

(5) Biology. At present it seems impossible to instru-
ment a meaningful biological experiment that will
operate only prior to impact with the surface.
This is because these experiments need a long
operating time (growth experiments) and a soil
sample. Specific experiments under consideration
are growth experiments and a device that samples
several biologically important characteristics of the
Martian surface.

3. Ultraviolet Spectrometer

The following ultraviolet spectrometer design may have
possible applications in future space projects. The origi-
nal scientific mission intended to look at both the visible
and the ultraviolet -adiation from the planct Venus at
intensities ranging from day-side cloud scatter down to
night-side after-glow. The night-glow was made difficult
to see by close proximity to day-side radiation 3 or 4 deg
off axis.

-2 hr

Figure 1 and Table 2 show the aspects of Venus during
approach. Spectral data is started at 4 hr before closest
approach, when the spacecraft is approximately 100,000
km from Venus. The planet’s angular radius is 3.5 deg;
and the Sun is approximately 63 deg off the telescope
axis. The telescope axis is offset 2 deg toward the dark
side, and scans up and down a line tilted 15 deg to the
terminator.

Under ordinary conditions a telescope is not subject to
interference from light sources outside its field of view.
However, spectral features of interest on the night side
of Venus are as much as 10° less intense than the day-side
visible light. When the telescope is pointed at the night
side, the bright off-axis source scatters interference from
every baffle blade and optical surface. Table 3 lists the
expected brightness of various wavelengths of interest.
Note that 5500 A mid-visible green light from the day-glow
has a brightness of 9 X 10* Rayleighs compared with
night-glow brightness of 9 X 10* Rayleighs at 5500 A,
and 7 X 10* Rayleighs at 3000 A (near ultraviolet).

Table 2. Range vs angular radivs of Venus
during encounter”

Time oM | Distance from | Anguier | SOnProber | gy qnue-
closest probe to radivs of | Vorusonple | L, angle,
epproach, Venus, km Vonws, dog WV tolescope dog
e o Sun), deg
-6 120,000 2.3 50 n
—§ 118,000 28 60 ne
(Yurn-on)
-4 98,000 35 6 ne
3 74,000 47 68 m
2 54,000 6.7 78 101
| 34,000 10.6 100 [ ]
[} 26,000 14.0 142 k]
«Lavnch ozimuth, 94 te 114 deg; Trejectery 1, nominel.

Pal SRS 1g

/

-1 hr

‘CLOSEST APPROACH

Figure 1. Venus aspects and UV spectrometer field of view

SCAN AXIS-
//' FIELD OF
] Tview
\Y /’
SR ﬁ
-6hr
-Shr
-4 hr
UV TURN ON 3hr
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Table 3. Venus surface brightness vs wavelength

Brightness In Rayleighs (Estimated) j
Approximate . ;
wavelength I Day-side
N A ! scatter and Aurora Night glow
day-glow
) . ,
1 5500 9 - 108 10 0 - 108
5000 1. 18
‘ 4500 1100
4000 & 108 [T
3500 5 - 108
3000 AR .
2500 LI [0l
(3 - 1 fnoorone)
2000 1 108
(5 © 10"t no orone)
1500 R B I3 T
1200 S e Vo roe

Maor problem areas of the nltravialet spectioneter

were immediatels mposed by the saentific mission

Vo Regquirement for aotelescope shich conld hav e T
light gatherme abality and ot the same tine, atten
tate off avas Tisht by o factor of at Jeast 100 at § dey

20 Sensitiaty that wondd detect 5 o 6 arders of mage
mtude below dachicht clond boghtness © ardes

belonw the thaieshold of homan vision

1200 A
to 1200 A the visibles saith frecedom

3 Wade spectial response. from vacnunn
nltraviolet
from scattered viable ieht nuvang wath the vltia

violet

f Wade dvnamie ranee i the detection cnamtiy.
Jeast 100 dyvnamie range

Other problems were assocnted wath rotating the nat
g, and adentitving both waveleneth and intensity
(D the requarement for low power. precise motor con
trol 1o drive the gratmes meludimg stop start repeata
hility
position withont consnmimg unnecessary computer stor

20 a fiducial coding svstem to code data or grating

age, and (3 flight calibration, both mtensity and wave
lengrth

a. Ultraviolet spectrometer description. Figure 2 alhos

trates the nltraviolet spectrometer engincerms prototy pe
Following is a deseription of the subaystems ineorporated

Optics Frgnre 3 shows the optical wangement ot
the specttometer. The Cassegram telescope pronans nin
ror dhiameter s 125 mim telescope tocal Tength s 500 i,
extt beam s [ 8 Telescope walls nse sharpened thim
The

blades to absorh oft avis Tight etbuanee and et
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Figure 2. Engineering prototype ultraviolet
spectrometer

shits of the monochrometer wre maltiple slit assembhes
to attenuate stray hieht,

The Ehert monochnometer has avlindnical svmmetry
tor low dispersion and hngh resolution for its focal ratio.
Fhe 2160 Tines nun diftraction gratimg gives speetra from
12000 to 1200\,

vacn deposited

resolution s 100 AL opties have

magnestum fuonde  coated  over
treshiv deposited alunmmum for 60 to 704 reflectivity at

1200\

Detector arewtry The detector (g £ an English
EAL D staee phototube swath ST (blue sensttive cathe
ode, and response from 2000 to 6000 . For ultraviolet
sensitiaty s the window s coated with sodinm salievlate,
Hugh v "tage s supplied to the photocathode by a vari-
able supplv which s senvo contiolled to keep anode
cutrent constant. AC choppimg s pertormed by modulat-
g the relative voltage of 2 multiphing dynodes. The
300 cps modulation signal cuts tobe gam to zero 600

times sec To close the Toop, 600 cps band pass amplitica
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Figure 3. Ultraviclet specirometer optical arrangement

tion and synchronous detection are used. Light intensity
data is taken from the cathode voltage level. Near-
logarithmic compression results because the phototube
voltage varies as the log of light intensity when current
is held constant. The intensity signal is sampled every
5 A and digitized to 6 bits.

Grating drive control. The grating, gear train, and
cam follower (Fig 5) are driven by a stepping motor.
DC is controlled in the motor windings by countdown
and logic circuitry. A stepping motor has the advantages
of operating on dc power, allowing precise speed con-
trol, starting and stopping instantly without coasting.
The motor is started by external pulse command. It is

stopped by a signal from the magnetic code wheel when
it reaches home position. After 1 start-stop cycle, the
grating stops in the proper position to begin its next
scan. During spacecraft boost and cruise, the cam fol-
lower is lifted off the cam and held rigidly in a lubricated
track so it will survive shake.

Fiducial coding system. A 2-track magnetic code wheel
(Fig 5) is geared to the cam. Magnetic Head 1 picks
up the home position signal which stops the motor drive.
Magnetic Head 2 reads the fiducial code which identifies
grating position; this is especially important during inter-
mittent telemetry reception. One scan from 1200 to
4200 A provides 640 samples. Each 7-bit sample has

PHOTOMULTIPLIER

— S0 | 1] ( LA’

LWLIFEEEETF

F
BLEEDER
R, | NE TWORK
BANDPASS
AMPLIFIER 300 cps ————> MODULATOR
600 cos p DRIVE i TO 6v
CONTROL . SCALING
AMPLIFIER, dc AMPLIFIER
HIGH
SYNC VOLTAGE ANALOG
DETECTOR POWER OUTPUT
—’ SUPPLY
600 cps

Figure 4. Ultraviolet detector
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FIDUCIAL AMPLIFIER FIOUCIAL CODE QUTPY

Figuro 5. Ultravielet grating drive and coding system

6 bits for intensity and 1 bit for fiducial code. The code
positively identifies position if 15 or more consecutive
data samples are received.

Calibration. Inflight calibration is desirable after the
vibration of boost and the effect of space vacuum for
4 months. Just before the telescope opens, the instrument
scans a built-in tungsten lamp for intensity calibration
and a gas discharge lamp for spectral line identification.
The lamps, built into the cover, move out of the field
of viev. hen the cover opens.

b. Future studies.

Solar-blind ultraviolet detector. The incorporation of a
photomultiplier which would respond to ultraviolet, but
not to visible light, would help solve 2 critical problems:
(1) mixing of high intensity visible light into the low
intensity ultraviolet because of grating and optical scat-
ter, and (2) need for 10° attenuation at 4 deg off the
telescope axis. Recent improvements have been made
in the manufacture of solar-blind ultraviolet photn-
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multipliers. The new detectors are not interchangeable,
however, and must be designed into the instruments and
tested.

Gratings. More study is being given to increase grating
efficiency and reduce unwanted scatter. High steriliza-
tion temperatures will likely rule out replica gratings
entirely. New sources of original gratings with good
ultraviolet reflectivity will be needed.

Space lubrication and evaporation. Vacuum chambers
are needed that are capable of holding the entire instru-
ment near space vacuum.

Optical blacking. A good black surface is needed which
will not evaporate or change properties in 4 months.

Telescope construction. The original method of mak-
ing baffles was to cut or sharpen the edges of individual
blades and to weld or rivet the individual blades into a
herringhone pattern. Figure 8 shows the blades at the
telescope entrance. Experiments are underway to pro-
duce a series of sharp-edged grid plates by chemical
etching which will be lighter and easier to fabricate.
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Figure 6. Entrance of vitraviolet spectrometer
telescope with baffle blades

C. Spacecraft Secondary
Power

1. Solar Concentrator

As was reported in SPS 37-8, JPL is acting as technical
monitor of a NASA contract with Electro-Optical Sys-
tems (KOS), Incorporated, on a rescarch and develop-
ment program to investigate techniques for fabricating
lightweight, efficient solar concentrators for space appli-
cations. Investigations have led to the fabrication of a
number of mirrors which were evalnated both by JPLL
and EOS. The construction of a water flow calorimeter
which is used in the evadnation program at JP1, was
described in 8PS 37-9. The results of efficiency measure-
ments pertormed on the first 5-4t diwmeter, nickle electro-
formed, solar concentrator delivered to JPL were reported
in SPS 37-10. This concemtrator was environmentally
tested at JPL and the resalts reported in SPS 37-11.
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Two 60-in. concentrators have been delivered to JPL
and are undergoing performance tests prior to environ-
mental testing. One is a nickel electroformed concentra-
tor, the other a concentrator.
Hardness of the skin in the copper concentrator is as
expected, but lack of agitation in the electrolyte bath
has produced unevenness and blisters on the back of the
mirror. ‘These blemishes show through on the prime
surface giving it an orange peel appearance. Reflectivity
of the prime surface also suffered, becanse during part-

copper  electroformed

ing from the master, parts of the sensitizing silver filin
adhered to the master. Further investigation will be
performed  on copper electroforms concerning electro-
Ivte bath agitation, since this determines the guality of
the copper deposit and it distribution (thickness) along
the full concentrator surface,

2. Thermionic Conversion System

The solar energy thermionic (SET) conversion system
under development at FOS and Thermo Electron Engi-
neering Corporation (TEC), has been deseribed in SPS
37-10 and -11. Waork on the initial 6-month phase of this
project was completed in November 1961 as scheduled:
however, all of the initial objectives were not achieved,
1OS fabricated a total of siv 3-ft diameter parabolic con-
centrators during this period and has delivered 2 of these
to JPL for performance evaluation. A mock SET type
generator is shown (Figs 7 and 8 attached to Concen-
trator JNE1-1 Figure 7 shows the thermionice generator
in the launch configuration. The generator would be
actated to the position shown in Figure S once in space.

TEC has fabricated and tested a total of 10 SET type
converters during Phase T of the development program.
The initial converter to be electrically tested failed after
approximately 20 hr of operation. One later converter
operated 630 hr at relatively constant output. A sudden
decrease in output ocenrred at 630 hr and the converter
output went to 0 after 960 hr. Another converter of this
tvpe operated for 830 hr without failure; however, the
power output of this unit was from 10 to 155 less after
8§50 hr. A program for continued SET development s
being formulated.

a. Thermionic energy converter. The basic configura-
tion and materials of the SET thermionic converter are
shown in Figure 9. The emitter (1) and thin walled tan-
talum spacer (B are machined from rod material resulting
in a l-picce construction. The emitter area is 2.00 em-
and the spacer wall thickness 2.3 mil. The radiant and
conduction heat transfer along the spacer accounts for
most of the extrancous heat loss in the SET converter.
Rupture of the thin walled spacer has been the major
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Figure 9. SET thermionic energy converter

Figure 7. SET system with thermionic generator ciause of converter failure. The collector face is tantalum

in launch position brazed to a molybdenum collector body. Nominal oper-
ating temperatures are:

Fmitter face. K@ 1950
Collector face, K: 950

Alumina seal, K: 850 to 900.
Cesium reservoir,  K: 600 to 650.

Tyvpical performance characteristics of 9 experimental
set converters fabricated during Phase 1 are shown in
Table 4. The results of life tests on these converters are
shown in Figure 10, The converter design objective for the
10-month, 2-phase, development program was 144 w em?
clectrical power density at an output of LOO v and 1980 K
emitter temperature. The performance of Converter 11b
was 120 w/em at LO0-v ontput and 20007 K emitter tem-
perature and was greater than S04 of the design objective.
However, Converter b failed after 20 hr operation. The
tungsten-molyhdenum combination used in Converter b
was not continued in the later converters. Tantalum-
molvbdenum, and finally tantalum—tantalum, was substi-
tuted in an attempt to improve the operational lifetime.
Converter Va operated 850 hr without failure; however,
only 6.0 w/em’ electrical power density at 1.00 v and
1980 K emitter temperature was obtained. The current
Figure 8. SET system with thermionic generator wovoltage characteristies of 4 Type-V converters are

in operating position shown in Figure 11.
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Table 4. SET converter elecirical perfermance

Optimum
o A e T | o,
w/emt ot °K m":r"' specing, mil
e 12 ot 2000 w MO  [Net measured 1.61
Hle 9.5 ot 2000 w TA 459 .00
ve 9.1 ot 2000 TA MO 647 2.09
e 3.0 2> 2000 TA MO 658 2.09
Vo 6.0 ot 19800 TA TA 617 2.3
v 5.5 01 1900 TA TA 401 23
Ve 6.0 ot 1900 TA TA [1}4 22
vd 5.5 0t 1900 TA TA 640 23
TE-1 5.5 0t 1900 TA TA 640 23

b. Solar concentrators. The performance of SET con-
centrators fabricated in Phase I is shown in Figure 12.
The measured efficiency of concentrator JM-1-1 was 82%
with a 0.5-in. cavity aperture diameter. The 10-month,
2.phase development program design objective was
approximately 83% with the 0.5-in. cavity aperture
diameter. Concentrator JM-1-2 was measured with the
silver sensitizing surface uncoated. The silver surface is
normally overcoated with vacuum deposited aluminum.
The reflectance of the silver surface as measured with a
water flow calorimeter was greater than 91%. The eff-
ciency with a 0.5-in. aperture diameter was 80%. However,
it is not anticipated that silver surfaces can be utilized on
practical concentrators since the reflectance of silver
degrades due to atmospheric exposure.
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Figure 10. Results of life tests on SET thermienic
converters
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Figure 12. Mficiency measurements on SET
concentraters

Figure 13. SET Concentrater JM-1-1

CONFIDENTIAL



CONFIDENTIAL

Concentrator JM-1-1 (Fig 13) successfully withstood
low and high frequency vibration at the Ranger-type
approval level for subsystems. Specific weight of the 5-ft
diameter nickel concentrator is approximately 1.0 1b/ft:,

D. Engineering Mechanics

1. Energy Absorbing Structures

As stated in RS 36-5, there was a need for a program
(analytical and experimental) to determine the crushing
stress of metallic honeycomb structures and the param-
eters controlling this stress.

The analytical program has been completed. The
analysis was approximate, assuming a rigid-plastic mate-
rial and applying limit analysis techniques to obtain
upper and lower boundaries on the crushing stress. The
resulting expression yielded the parameters that control
the crushing stress and their relative significance.

The parameters of primary interest are: (1) yield
strength to density ratio of the material, (2) structural
Jensity of the cellular array (i.e., wall thickness to cell
diameter ratio), and (3) geometrical configuration of the
cellular array.

The yield strength to material density ratio is subject
to the limitation that the material should not he brittle,
but have sufficient ductility to deform without fracturing.
Experience has shown that materials with uniaxial elonga-
tions of approximately 8 to 10% or greater are satisfactory.
In addition, for optimum response, a material with a near
rigid-plastic stress-strain curve response is desirable.
Assuming these 2 limitations, the greater the yield
strength to material density, the greater the structural
crushing stress.

The structural density, or ratio of cell wall thickness to
cell diameter, is a parameter whose optimization depends
on fabrication techniques to a limited extent. The greater
this ratio, the greater the crushing stress; however, it has
been found that there is a maximum density at which the
structure will no longer collapse in a uniform manner, but
fail in a lower cnergy mode (Fig 14).

The geometrical configurations of the cellular array
may be of many types other than the typical hexagonal
cell. Test specimens have been fabricated and tested
utilizing tubular arrays, in both closed pack and open
pack geometrical arrays (Fig 15).
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Results indicated that an increase in crushing stress
resulted in the use of tubular arrays as opposed to hex-
agonal cell arrays.

At present, several cell structures are being fabricated
in which the parameters have been optimized in order to
obtain a hexagonal cell structure with an energy absorb-
ing property which is maximum for this system. The
results of tests performed on these specimens will allow
for an evaluation of the analytical work, as well as estab-
lish a truly representative energy absorbing value for the
hexagonal cell system,

2. Extendable Booms

An extendable, retractable boom is being obtained
from De Havilland Aircraft of Canada, Ltd, it can
be made of cither magnetic or nonmagnetic material and
may have application in positioning experiments (such as
a magnetometer) away from the spacecraft.

The boom consists of a metal strip heat treated to form
a long tube when unrestrained. Prior to extension, the
boom is stored on a reel as a flat tape (Fig 16). To
extend the tubing, a Mylar tape (interwound with the
tape on the storage drum) is reeled onto its own spool
by a motor-drive gear train.

The erection unit is a self-contained package complete
with power supply for extending the antenna length to
the automatic power cutoff point. Early units put out an
antenna of fixed length using either a de-clutching device
or a tripped cam for shutting off the drive mutor. More
recent designs can meter out several precise lengths and

Figure 14. Nonuniform, low-energy-mode failure
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Figure 15. Crushed metallic honeycomb structures
{a) closed and (b) open tubulor arrays

also fully retract the antenna. To minimize the capaci-
tance between antenna and satellite shell, the erection
unit is made of nonmetallic materials and the clement s
centrally hioused. Capacitance is rated at 40 ppf.
Cxtended, the boom will be approximately 20-ft long,
It will incorporate 2 new developments that are not
available in the present booms. One will be a method to
increase the torsional positioning accuracy: the other will
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Figure 16. Tubular boom

allow cables inside the tube to be extended with the
boom. The boom and the cables will be retractable and
re-extendable.

E. Propulsion

1. Amine Nitrate Monopropellants

Current requirements for spacecraft in-transit maneu-
vering has led to the utilization of liguid monopropellants
as the cnergy source. Monopropellant hydrazine is cur-
rently being utilized in a 50-1b-thrust rocket motor for
mid-course trajectory correction of Ranger lunar-impact
missions.  Similar  propulsion devices are planned for
future planetary probes. For future missions, however,
system studies indicate the desirability of more energetic
liquid propellants, since propulsion system weights be-
come appreciable as spaceeraft weights increase (Ref 11).
One such high energy liquid monopropellant, designated
Cavea-B, has been undergoing experimental investigation
at the Laboratory and the program p-ogress has been
reported in RS 36-2 through 36-7, and SPS 37-9 through
37-12. In addition, JPL rocket motor test results, reported
in those publications up to SPS 37-12, are summarized in
Reference 12

Cavea-B s the designation of a liquid monopropellant
consisting of a nitric acid solution of a quaternary amine

CONFIDENTIAL



CONFIDENTIAL

nitrate salt. At acid-to-salt ratios of 1.50 to 1.80, this pro-
pellant exhibits suitable physical properties along with a
theoretical equilibrium flow specific impulse of 255 to 259
sec (depending on acid-to-salt ratio) at 1000-psia chamber
pressure expanded to atmospheric pressure,

Additional theoretical performance data has been com-
piled during this reporting period. Calculations were
made for solutions containing 2% water, since the mono-
propellant is normally prepared from as received Cavea-B
salt and commercial grade white fuming nitric acid; each
component contains a small amount of water, so the mix-
ture normally contains from 1 to 2% water. The informa-
tion was obtained on an IBM 7090 computer utilizing a
modified Aerojet program. Table 5 is a compilation of
theoretical characteristic exhaust velocities ¢*; Figures 17,
18, and 19 are plots of the theoretical vacuum specific

Table 5. Effect of water upon the theoreticol
performance of Cavea-B, equilibrium flow

r— 1.50 172
"",'. Anhydrous 2% NH,0 Anhydrous 2% N,0
c® A 34 1, (14 5 c® A

50 | 5063 11509 | 5027 | 149.8 | 5027 | 149.5 | 4998 | 149.0
150 (5099 | 202.0 | 5056 | 200.1 | 5074 | 203.0 | 5043 | 200.6
300 | 5116 | 224.9 | 5071 | 222.7 | 5102 | 226.3 | 5069 | 224.6

1000 | 5138 | 2549 | — -— 5146 1 2505 | — —
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Figure 17. Theoretical vacuum performance of Cavea-B,
equilibrium flow, p. = 50 psia
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impulse I,, as a function of expansion area ratio e, for
both 1.50 and 172 acid-to-salt ratio propellants for
chamber pressures of 50, 150, and 300 psia. Curves are
shown for anhydrous solutions as well as for those con-
taining 2% water. Figure 20 presents combustion products
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Figure 18. Theoretical vacuum performance of Cavea-B,
equilibrium flow, p. = 150 psia
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Figure 19. Theoretical vacuum performance of Cavea-B,
equilibrium flow, p. = 300 psia
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Figure 20. Chamber mole fraction of various combustion
products as a function of Cavea-B acid-to-salt
ratio, p. = 300 psia

as a function of acid-to-salt weight ratio for the 300-psia
chamber pressure case, assuming anhydrous monopro-
pellant.

Experimental investigations to date reveal that efficient
monopropellant combustion of this propellant depends
strongly upon scveral factors, including combustion
chamber pressure, degree of atomization, combustion
chamber gas-side wall temperature, and residence time.
At the 100-1b-thrust level, and at 300-psia chamber pres-
sure, it has been necessary to utilize fairly high injector
pressure drops (greater than 100 psid), ceramic insulated
chambers, and chamber characteristic lengths L, in
excess of 100 in. in order to obtain high percentages of
theoretical specific impulse as well as stable combustion,
Two types of injectors have been utilized: the impinging
stream type, composed of multiple like-on-like doublet
clements, and the multiple-spray type, composed of cither
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4 or 8 atomizing spray nozzles. SPS 37-10 contained per-
formance results of the impinging stream injector and
SPS 37-12 contained complete results obtained with the
4-spray configuration.

An evaluation of the 8-spray injector was completed
during this reporting period. It was expected that the
more uniform mass distribution per unit of chamber
cross-sectional area and the better atomization provided
by 8 individual spray noszles would provide more stable
combustion at lower L* values than provided by the
4-spray configuration. Little improvement was noted,
however. It was again necessary to utilize a characteristic
length of approximately 165 in. in order to obtain high
performance (¢* 5000 ft sec) and avoid severe low
frequency instability. At an L* value of 185 in. and a
chumber pressure of 300 psia, pressure fluctuations were
+18 psi (-+~6%) when an injector pressure drop of 140
psid was utilized. A change of spray nozzle sizes, to pro-
duce a pressure drop of 110 psid at the same flow rate
resulted in rough combustion, with pressure fluctua-
tions of +150 psi (+50%) Similar, although not as severe,
results were obtained at an L* value of 234 in.

It would appear that the atomizing spray-nozzle injector
is satisfactory at a reasonable L* only if it is possible to
provide a high injector pressure drop (150 to 350 psid).
On the other hand, the impinging stream injector pro-
duced combustion noise pressure fluctuations of only -6
psi ( * 29) at an L* of 34 in. and with a pressure drop of
140 psid. Thus, under the conditions of this test program,
the impinging stream injector type is clearly the better
of the 2 types tested.

2. Advanced Liquid Propulsion System

The Advanced Liguid Propulsion System (ALPS) Pro-
gram has been established for the purpose of formulating
and demonstrating solutions to problems in spacecraft
propulsion. The program has been organized to cover
these problems in a coordinated manner so that solu-
tions are mutually compatible and suitable for practical
application in a complete system. SPS 37-8 through
37-12 contain details of the program.

a. Engine development. The thrust chamber fo . the
ALPS must be capable of restart in space, of long dura-
tion firings, and of throttled operation. 1t is proposed
to employ a radiatively cooled thrust chamber. Several
advantages which acerue from the use of nonregencra-
tive cooled chambers are: (1) elimination of the coolant
flow inadequacy at low thrust levels in d throttlable
engine, (2) elimination of problems associated with
space storage of the liquid holdup in cooling passages,
(3) climination of problems relating to compatibility of
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materials with hot coolant, (-H) reduction in engine weight
due to climination of liquid holdup. Presently, the most
promising material appeirs to be pyrolvtic graphite, This
material can be fabricated with present technology, has
an extremely high sublimation temperature, and has the
highest strength-to-weight ratio at clevated temperatures
of any substance known.

High Temperatare Materials, Incorporated, was given
a best-cfforts contract to produce model-size thrust cham-
bers of free-standing pyrolvtic graphite, Siv 100-1h-thrust
and siv 2000-1b-thrust chambers were ordered. Thas far,
three  100-Ib-thrust  chambers and one 2000-1b-thrust
chamber have been aceepted.

The first of the three 100 Ib-thrust chambers faled
under hydrostatic proof test at 100 psig. 1 is believed
that stresses caused by a test-finture O-rmg sealing the
chamber throat contributed to the tmlure, In order to
climinate these stresses, Howing nitrogen gas was used
tor subsequent proot tests. The 20" chamber (8N MGG H
was suceesstully proof tested to T psigs The 3 0 chamber
failed in proot test at 130 pag. 1t is felt o minimam
proot pressire of 140 psitis required sinee the chambers
are designed to be fired at 135 paig A vepected chamber
whose injector flange was severely eracked was modified
so iy to be usables This chamber (80N MO63 0 was suc
cosstully: proof tested o THE paig. Figure 21 Jhows a
100-1h-thrust pyrolvtic graphite chanibea

The ALPS  100-1bthrost pyrolvtic @aphite  throst
chambers are currenthv: bemg tested with the pro
pellant combination N O, N H,. The first chamber
1S N MSGH was fired on December 12, 1961, and aper-
ated successtully for the fill schednled duation ot 30
see. The chamber wall thichkness at the throat was abont
0.045 in. and about 0.060 in. in the evlindrical portion.
The injector used for the tests characteristically gives
rather high erosion in certain areas and practically no
crosion in other arcas. In region of mavimum  erosion
there was a 0011 in. reduction of wall thickness at the
throat and 0.012 in. near the injector. There was no meas-
urable erosion over a Targe portion of the throat, Oncide
wall temperatares were measured with thermocouples
which were spring loaded against the chamber, These
thermocouples indicated temperatures of abont 2000 F
and appeared to reach steady state in abont 30 see. Pre-
liminary heat transfer calealations indicate that the inner
wall temperatures were on the order of 3500 F. Nitrogen
gras was fowed around the ontside of the chamber in
order to minmmize onidation of the outside wall, Postian
measurements indicate there was about 0002 in, reduc
tion in the outside diameter of the chamber. The chamber
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Figure 21. ALPS 100-Ib-thrust free-standing pyrolitic
graphite thrust chamber

was attached to the injector with o graphite flunge.
A Viton O-ring was used as i pressure seal between the
inside surface ot the pyrolvtic graphite chamber and
the injector. The O-ring charred during the firing bat
continued to seal. The test setup for the firing is shown

in Fioe 220

This chamber was then rotated 150 deg with respeet
to the ingector inorder to get mintmum erosion in those
regions of the chamber which were most severely eroded
in the fisst ran. The chamber was then suceesstully fired
atain tor 30 see.

The chamber whose flange had been madified (S N
M363 was fired on December 1S, 1961, and failed atter
1 see during a firing scheduled for 60-see duration,
Preliminary data shows that the failure occurred near

Figure 22. Test setup of ALPS 100-Ib-thrust pyrolitic
graphite thrust chamber
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the injector, indicating the failure may be related to the
cracked flange. No nitrogen gas was flowed around the
chamber during the run, but it is not felt that appreciable
oxidation occurred on the outer surface.

Data from these firings are given in Table 6. Additional
firings will be made with pyrolytic graphite thrust cham-
bers as the chambers become available.

b. Propeliant comparison. A determina-

tion was made of the performance of several hydrazine-
based fuels with nitrogen tetroxide operating at a
chamber pressure of 150 psia. The data was calculated
on the IBM 7000 digital computing system using the
Aerojet-General Corporation program. Computation was
based on shifting equilibrium flow in the nozzle and
assumed no losses in either the characteristic exhaust
velocity ¢*, or the thrust coefficient C,. The fuels con-
sidered are:

Hydrazine

Unsymmetrical dimethylhydrazine (UDMH)
Monomethylhydrazine (MMH)

50% hydrazine-50%8 UDMH (wt %)

Hydrazine Blend 1 (HB-1)
06.7% hydrazine, 4 moles
23.92 MMH, 1 mole

9.4% water, 1 mole

Hydrazine Blend 2 (HB-2)
73.6% hydrazine, 4 moles
26.4%$ MMH, 1 mole

Hydrazine Blend 3 (HB-3)
50% hydrazine-50% MMH (wt %)

Because impulse and density are of primary concern
in the design of a propulsion system, some of the com-
puted performance was plotted in a manner so that the
relationship between impulse and density is displayed
directly with mixture ratio as a parameter (Fig 23). In
this figure the vacuum specific impulse I,, at an expan-
sion area ratio of 40:1, is plotted against density p, on a

Table 6. Data from test firings of ALPS®

Chamber | Mixture | Cherecter Firing
prosswure | ratier intic
Date | Tost Ch:;:‘bov pe.  |onidizers | velecity eo, duration,
psie fuel #/s0c vec
12-12.61 | 106 | M-364 14) 0.9¢ 5470 30
12-15.61 | 108 | Mm-564 140 0.99 —_ 0
12-18.61 | 109 | Mm.363 140 1.01 5460 44
%100-1b-thrust free-standing pyrolytic graphite thrust chambers.
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log-log scale, so that contours of constant p*I, appear
as straight lines, with a parallel family of contours for
each value of n. The method of presenting this com-
parison was based on work described in Reference 13.
Equations for the selection of an appropriate value of n
for these types of vehicles are described below.

In all 3 types, the vehicle is accelerated to a high
velocity, then coasts ballistically or aerodynamically. In
the 1** type, part of the rocket burnout mass is fixed and
the propellant volume is fixed. In the 2 vehicle type,
part of the rocket burnout mass is fixed and the gross
mass is fixed. In the last type, the gross mass, the length
and part of the burnout mass are fixed, but the diameter
may vary. In the first 2 cases, the purpose is to maximize
burnout velocity, and in the 3¢ case, which is based on
a boost-glide vehicle concept, the purpose is to maximize
range. The equations for n for these 3 cases are shown
below; the derivation of the equations can be found in
Reference 13.

Case 1. Propellant volume and part of burnout mass
fixed:
—_my/m, v
" ln (mo/my) -

n 1

1~v
Case 1. Gross mass and part of burnout mass fixed:
o My my

"= In (m,/m,)

Case 111. Gross mass, length, and part of burnout mass
fixed; variable diameter:

= 1{1 - gmogngngml} .
P (mo/my) — 1

In

M.z ! my
In ("'n/ my)
where

m, = gross mass of the vehicle
m, = burnout mae- of the vehicle

my, = part of burnout mass which is proportional to
propellant volume

my. = fixed portion of burnout mass
m, = propellant mass

p = speed exponent: 0.6 for sharp-nosed missiles,
0.1 for blunt-nosed missiles

In Figure 23, it can be seen that, for any value of n
shown on the plot, the hydrazine-nitrogen tetroxide com-
bination is superior to any of the 8 combinations; i.e.,
the product of p* and I, is greater than that for the other
combinations.
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Figure 23. Density~impuise comparison
3. Cryogenic Propulsion System have over the storable liquid propellants. Further, the

a. Introduction. Efficient performance of current and
possible future space exploration missions, depends on
the use of propulsion equipment of increasingly higher
performance (exhaust velocity).

The High-Energy Liquid Propellant Research Program
has been concerned with storable liquid propellants,
such as N,O,-N.H, and CIF.~-N.H, having theoretical
exhau.t velocities of approximately 8300 ft/sec. Liquid
propellant systems using oxygen or fluorine as the oxidizer
and hydrogen as the fuel have theoretical exhaust veloc-
ities in excess of 11,000 ft/sec (expanding to 14.7 psia
from 300-psia chamber pressure). Various preliminary
design studies indicate that insulation requirements asso-
ciated with the use of these cryogenic propellants can,
for most missions, be satisied without appreciably
depleting the performance advantage these propellants

CONFIDENTIAL

large tank volume required for low-density liquid hydro-
gen is not a limiting factor in upper-stage vehicles,
although it might be a limiting factor if hydrogen were
used as the fuel in a 1** stage booster.

Beyond the performance limits of chemical reaction
rocket motors, éxhaust velocities of 20,000 up to 64,000
ft. sec are expected to be obtained using, in order: hydro-
gen heated in a nuclear reactor, electrically-heated work-
ing fluids, plasma jets, and finally, ion expulsion devices.
Cryogenic working fluids will be used in many of these
propulsion systems.

Because of these considerations, the research program
has bheen reoriented and renamed the Cryogenic Pro-
pulsion System Program and the stand at the Edwards
Test Station which had been used for the recently com-
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pleted CIF,.-N,H, program is being modified to utilize
cryogenic propellants.

The multiple objectives of the program are:

(1) To achieve an understanding of the properties of
the cryogenic fluids, especially oxygen and hydro-
gen, and of the requirements imposed by these
properties on the materials and equipment used
with these fluids.

(2) To develop a competence in the handling, storage,
and transfer of the cryogenic fluids, and in the
design, fabrication, and operation of components
used with the cryogenic fluids.

(3) To obtain experience in the design and operation
of LH~LO, rocket motor systems in order to
provide test and evaluation ability and engineer-
ing capability necessary for considering cryogenic

propulsion systems in future JPL spacecraft pro-
grams,

The program will start with the installation of cryo-
genic storage tanks and test station equipment which
will enable experience to be obtained in handling the
cryogenic propellants and in the operation of the com-
ponents in cryogenic systems. Engine problems will be
investigated next. These include the areas of combus-
tion chamber fabrication, injector design and fabrication,
performance, combustion stability, heat transfer, and
cooling. As soon as possible, the program will be
broadened to simulate and solve problems which would
arise in the design and operation of complete propulsion
systems and vehicle stages using high energy cryogenic
propellants. These problems include fluid metering de-
vices and propellant utilization systems, instrumentation,
ground handling and loading, insulation requirements,
and flight-weight component development.
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Figure 24. Liquid hydrogen-liquid oxygen test st- ~_ facilities
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b. Test stand and facility. The C-stand arca at the
Sdwards Test Station has been modificd for testing
liquid hydrogen-liquid ovvgen rocket motors, The major
modifications and new installations are  indicated in
Figure 24.

Test stand. A new motor mount, incorporating a
flexure-hinge parallelogram linkage, has heen installed
to accommodate the modificd JPL 6K motors which
will be used for test purposes (Fig 259,

Propellant tanks. The chlorine trifluoride and hyvdra-
zine propellant tanks have been removed and replaced
by new propellant tankage. Liguid osvigen is supplied
from a 60-gallon, 1000-psi working-pressure tank located
in an existing concrete-lined pit at the north side of the
test stand. The ovvgen tank is completely immersed in
a liquid nitrogen jacket to prevent losses; the liguid
nitrogen container is insulated with 2 in. of spraved-on
low-density polvurethane foam (Figr 26,

Liguid hydrogen is supplicd from a 320-gallon, 1000-psi
working-pressure tank which is located in a new conerete-
lined pit a few feet south of the test stand. The liguid
hvdrogen tank is provided with a liquid nitrogen pre-
cooling jacket, and the whole assembly insulated with
92 in. of spraved-on low-demity polvurethane toamn
(Fig 27,

Figure 25. Flexure hinge paralielogram linkage
test stand motor mount
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Figure 26. Liquid oxygen run tank in
liquid nitrogen jacket

Liquid hydrogen storage. A 1285-gallon liquid hydro-
gen storage tank is Jocated behind a barricade about
200 ft to the cast and south of the test stand. This tank
is vacuum jacketed and has a loss rate of not more than
2.6% of tank capacity per dav. A vacunm jacketed trans-
fer line conneets this storage tank to the hydrogen run
tank at the stand (Fig 28y,

Liquid oxyzen storage. A roadworthy trailer, originally
made for liguid fluorine service, has been modified and
mounted to the cast. and north, of the test stand for
storage of liquid ovvgen (Fig 290, The oxyvgen tank is
concentrically monnted inside a liquid nitrogen tank,
which in turn is insulated by a vacuum jacket. Jwo
Noreleo liguefier units reclaim and return to the system
the nitrogen boiloff. A transter line connects the oxygen
storage arca to the onvgen run tank at the test stand.

Liquid nitrogen supply. A large liquid nitrogen storage
tank (Fig 30, 250,000« standard - ft* gas capacity) has
been installed at the Fdwards Test Station to supply
liquid nitrogen for cooling down and jacketing equip-
ment at Stand Cand to supply, throngh a high pressure
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Figure 27. Liquid hydrogen run tank in pit near test stand

|

Figure 28. Liquid hydrogen storage tank
behind barricade
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Figure 30. Liquid nitrogen storage tank

pump and a heat exchanger. high pressare nitrogen gas
which s used thronghout the station.

Hydrozen cas compressor. The boiloff from the Tiguid
hvdrogen storage tank s collected in 2 acenmulator tanks
and then compressed and stored in high pressure gas
bottles. The high pressure ndrogen gas is used  tor
supphy pressure in the diguid hvdrogen ran tank. The
2stage Corblen diaphiagim tvpe compressor (Fig 31 was
selected becanse it does not mtroduce contamination into
the was bemg pumped.
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Figure 31. High pressure hydrogen gas compressor
with low pressure inlet accumulator tanks

Introduction of liguid hvdrogen as a propellant at
the test station has required the development of com-
petence in 2 new fields, Because of the wide inflam:
mability limits of hvdrogen with dir (11 to 717 by
volumer, special attention has had to he given o the
detection of hvdrogen and of hvdrogen- ovy gen combusti-
ble miztures: means used to purge. evacuate, and pump
the svstem; and disposal of gaseons wastes through ele-
vated stacks. Liguid hvdrogen mnst be nmaintained at a
very low temperature (37 Roorequiring estremely offi-
cient insnfation of tanks and hnes. Besides the intro
duction ta low density polvurcthane toam  insulation
technology | this requirement has fed to the extensive nse
of vacuum jacketing tor insulation, and to procurement
and training in the use of high vacunm pumpimg systems
and helivm-leak detection equipment,

¢. Preliminary studies. 'The major iodifications of the
Costand arca have been completed and most of the new
cquipment has been procured. is in wse, or s being
checked ont, There remains a number of preliminary study
and experimental projects to be performed betore actual
motor tests are initiated. These projects are designed o
provide calibration information and checkout on instru-
mentation and  flow-measuting systems o to provide
information and design data about cquipment and com-
ponents which will be needed betore the motor fiving
tests beging At the same time the preliminary tests will
develop familiarity with, and serve as prool tests of | the
major subsystemns which have heen newh astalled in
the test stand area
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Injector element study. "The recently completed work
with CIF - N.H, involved development of a cup and
plug injector element for use in multiclement  injec-
tors. This injector element is believed to be applicable
to all types of propellants, and will be incorporated in
some of the injectors being made for the LH.~LO, pro-
gram. Basically, the injector element involves the deflee-
tion of streams of propellant to form alternate interleaved
thin sheets of propellant, with some mixing of side sprays
within the protected confines of the cup. Most of the
mizing occurs by ass transfer between the sheets of
propellant as the sheets proceed down the combustion
chamber, The original injector element involved 2 rows
of holes drilled at angles of + 30 deg to the axis of the
clement, it was desired to simplify the fabrication of
this clement by drilling the orifice holes parallel to the
avis of the element and making simple changes in the
deflection surfaces. A water test model was designed
and tabricated and several modified deflection sarfaces
were imvestigated without achieving the desired results.
A\ water test model similar to the original CIF =N H,
mmjector element, but adjusted in size to fit the LH.-1.O,
mjector, was made to o give a0 satistactory spray - pat-
tern. Fabrication of an injector using this element s
proceeding,

Ieniter. The hvdrogen-osvgen propellant combination
w not hy pergolic, but the clectrie spark ignition has been
tound satistactory. A decivion was made to use a low
tenston (2000 v jgmtion: system using a semiconductor-
tyvpe igmtion plug. Tt is essential that a properly mined
gas be present where the igniter is operated, and also
that there be no fashback mto the manitolds, or over-
heating of the spark plug. A test ignition torch has been
bunlt to examine the pertormance of the svstem betore
it is butlt nto an ingector. Tests will be made using
gascons hvdrogen and ovvgen,

Flowmeter calibration. Flow rates of the propellants
are to be metered and controlled by cavitating venturis
at the bottoms of the propellant tank standpipes. These
venturis have been calibrated in a water svstem, but
calibration to a higher Reynolds number s required.
Liquid nitrogen calibration can be accomplished at high
flow rate and high pressure by utilizing the 2 propellant
run tanks and displacing the liguid nitrogen from 1 to
the other through a line containing a water calibrated
turhine type flowmeter of the appropriate range. The
over all error of such a calibration may approach - 3 or
A, but this will have to be accepted i order to place the
susten into initial operation and until properly: calibrated

mass Howmeters can be obtaied.
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Seal and component tests. Low temperature affects the
operation of components, and it is important that problem
areas be identified to avoid serious trouble. A particular
problem is that of making mechanical joint seals which
remain tight at low temperature. A small test chamber,
8 in. in diameter and 12 in. long, has been fabricated.
Components placed within the chamber can be cooled by
contact with a coolant coil after the surrounding space
has been evacuated; then the component can be pres-
surized or actuated with helium gas, and leakage of
helium into the vacuum space can be monitored with a
leak detector. A lightweight, 2-in. pipe flange (of JPL
design), and several commercia' seals are ready for
testing.

Temperature transducer calibration. Low temperatures
will be measured with tungsten wire resistance elements
and with copper-constantan thermocouples. In order to
permit comparison of these transducers and to check
calibration at a few points, an insulated vessel having 3
identical transducer wells has been fabricated. This vessel
can be filled with any of the cryogenic fluids, and the
boiloff vapor pressure can be adjusted to obtain a range
of the corresponding saturation temperatures of the fluid.

d. Motor test program. The engincering study and
preparation for the LH.~LO. motor test program includes
the following efforts:

Physical property data. Literature is being surveyed
for what aj pears to be the most reliable values of the
following properties: density, viscosity, thermal conduc-
tivity, specific heat, enthalpy, and entropy, as functions
of pressure and temperature. The foot, second, pound-
force, slug-mass, degree Rankin unit system has been
selected as standard for all calculations, and where the
property data cannot be conveniently put into these units,
the appropriate conversion factors are being appended to
the data. The collected data will serve as a common
standard for measurements, calculations, and transmission
of information by all personnel working on the LH.-LO.
program.

Heat transfer calculations. The heat transfer character-
istics, wall temperature, and coolant conditions of an
existing 6000-1b-thrust (vacuum) welded-rib thrust cham-
ber (originally designed for use with the N.O,—N.H,
propellant) have been computed for the LH.-LO, propel-
lant, using hydrogen as the coolant. Gas-side heat transfer
was computed using the enthalpy potential method
described in Reference 14. The performance of liquid
hydrogen as a coolant at supercritical pressure was com-
puted by the method described in Reference 15, These
calculations show that for operation at 150-psi chamber
pressure and a mixture ratio of 5.0 (approximately 4200-
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Ib-thrust at sea lev~l for the version of the motor with
an exit area ratio of 3.5), the motor wall temperatures are
high enough to make satisfactory operation questionable.
Further calculations are to be made to establish the
requirements for water cooling of the existing thrust
chambers and to establish the coolant passage modifica-
tions required if similar thrust cha .bers are to be built
to cool with hydrogen when operated at chamber pres-
sures from 50 to 300 psia. An estimate will also be made
of the transient temperature rise to be expected in the
wall of an uncooled thrust chamber duplicating the inte-
rior configuration of the cooled motor.

As indicated, the test stand modifications have been
completed (with the exception of 1 length of high
pressure, vacuum-jacketed propellant line which has been
returned to the vendor for repairs); flowmeter calibration
and component testing are underway. Initial component
tests and system checks will be made using liquid nitro-
gen as a working fluid and as a refrigerant. The system
will be ready for liquid hydrogen during January 1962,
and rocket motor tests should start soon thereafter.

Several welded-rib cooled thrust chambers are availa-
ble for the test program which can be used: (1) for low
mixture ratio tests (r less than 5) at 150-psi chamber pres-
sure, (2) at a later time for tests at 300-psi chamber
pressure, or (3) with water cooling over the entire range
of useful mixture ratios and at chamber pressures up to
300 psia. Several uncooled combustion chambers and
nozzles are on hand for short duration tests to prove the
system before the more costly cooled thrust chambers are
used. Injectors of the multielement cup and plug-type
previously described are being fabricated for use with
both the cooled and the uncooled thrust chambers. Injec-
tors of the concentric stream showerhead and the
impinging stream types are also being considered for use.

4. Power Reactors

Rescarch is being conducted into fuels to be used in
advanced power reactors. The reactors are anticipated
for long-range, nuclear-electric spacecraft missions requir-
ing thermal outputs of 10 mw for time periods of 2 to 3
years.

Investigations show that a molten fuel reactor employ-
ing 70% UF,, and 30% sodium fluoride will have approxi-
mately the same weight as a solid fuel reactor limited to
an average burnup of 30,000 mwd/t. Both reactors will
weigh in the neighborhood of 350 kilograms for core
volume fractions of 0.8 fuel, 0.3 coolant (lithium) and 0.1
structure (zirconium). The assumed solid fuel burnup
performance appears to be within the capability of solid
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fuel elements; however, an average burnup of more than
30,000 mwd/t in an operating high temperature, high-
power-density space power reactor cannot be predicted
with confidence at this time. If the solid fuel is assumed
to be uranium carbide, the high fuel density of this com-
pound yields a significantly smaller core than the molten
fluoride fueled reactor (approximately 49 vs 35 liters).
Since payload shield weight must be minimized, the low
fuel density of the fluoride fuel is definitely undesirable
(although not completely prohibitive). For this reason,
additional nonstructural fuels are under investigation
which possess high fuel density and the ability to provide
high burnup.

5. Corrosion of Liquid Metals

A Liquid Metals Corrosion Program has been initiated
by the energy sources group to determine the compati-
bility of various container materials with liquid potassium,
lithium, cesium rubidium, indium, uranium, uranium car-
bide, lithium fluoride and uranium fluoride.

Columbium-1Zr, tantalum 10W, B33 alloy and B77
alloy (Westinghouse Electric Company) will be evalu-
ated for simple solution corrosion, alloying between
liquid metal and solid metal, inter-granular penetration,
and temperature-gradient mass transfer at 2200°F.

Static and dyna.ic corrosion and mass transfer mecha-
nisms are to be investigated in 6 tilting furnaces capable
of tilting 45 deg from the horizontal, from 0 to 4
cycles/min.

Test capsules will be in an argon atmosphere and instru-
mented at the hot and cold ends. An inert atmosphere
chamber (capable of attaining 10 * mm Hg) will be used
for test capsule construction, liquid metal fill, and loop
construction.

A 30 kw ({thermal), lithium-boiling potassium loop will
be constructed from Ch-1Zr and enclosed in an inert
atmosphere chamber. This loop will operate at these
conditions:
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) Flow rate, | Temperature, | Pressure,
Material gal/min °F psig
Lithium 1to 10 2200 Upto20

Potassium Otol 1500 to 2000 | 200

In addition to obtaining liquid metal corrosion and heat
transfer data, the following components are to be devel-
oped and operated at loop temperature for periods up to
10,000 hr.

(1) A liquid metal centrifugal 0 leakage pump capable
of pumping lithium at 2200°F up to 10 gpm at
100 ft total dynamic head, constructed of Cb-1Zr.

(2) Two liquid metal swing gate valves for 2200°F
lithium and potassium service, constructed of
Ch-1Zr.

(3) An electromagnetic flow meter for 2200°F lithium
flow measurements.

{4) A Cb-1Zr bellows to be statically tested in lithium
at 2200°F for 500 cvcles.
(5) A Cbh-1Zr diaphragm for pressure measurements

at 2200°F for lithium and potassium service.

(8) Three hoiler designs for loop operation at loop
design conditions.

(7) Potassium vapor separator.

(8) Instrumentation techniques for the measurement
of boiling potassium temperatures in a single tube
potassium boiler.

(9) A fission gas vent capable of venting fission prod-
ucts while containing core fuel will be investigated
and tested.

In addition to the above, long time (10,000 hr) creep-to-
rupture strength will be determined for various container
materials for reactor service.
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Hl. Syncom

1. Mission

The Goddard Space Flight Center (GSFC) formally
undertook Project Syncom in August 1961. The objective
is to provide narrow band communications with a light-
weight Earth satellite in a 24-hr orbit, A 3-stage Thor-
Delta vehicle will boost the spacecraft into an elliptical
transfer orbit with the apogee at synchronous altitude.
A solid-propellant rocket motor in the satellite will be
fired at apogee to give the satellite near-synchronous
velpeity. A combination of hydrogen peroxide and nitro-
gen gas jet systems controlled from the ground will be
used to position the satellite at the proper longitude and
orient it to the proper attitude.

The most nearly adaptable on-the-shelf motor is a
13.5-in.-diameter spherical rocket motor, containing 67 1b
ot propellant in its present configuration. The motor is
designated TE345 and was developed by the Thiokol
Elkton Division. This motor will have to be modified and
off-loaded to the mission, and is generally limited in its
capability for this application. GSFC has implemented a
dual program by adapting the TEM5 and requesting JPL.
to develop a high performance motor optimized for the
mission, This motor will provide a significant payload
weight margin, and will be capable of off-loading within
reasonable limits to accommodate more optimized tra-
jectories and orbits.
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2. Apogee Rocket Motor Design

The Laboratory has completed the detailed design of
the rocket motor which is cylindrical in shape, with
oblate-hemispherical ends, using a conical nozzle with
a submerged ontrance and throat (Fig 1). The grain
perforation is conical except at the head-end web which
has star points. The case material is AIS1410 stainless
steel, fabricated of sheet-metal construction. The major
motor characteristics are shown in Table 1.

A sketch of the motor incorporated into the Syncom
sateflite is shown in Figure 2. When cast in its off-loaded
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) . oo . NOZZLE
lZJnD :s, T
sue .
w{fr,i‘,\
GNITER  } . o
| R. Z“

PROPELLANT

Figure 1. JPL Syncom apogee motor
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Table 1. Estimated vacuum performance of 80°F
propellant® temperature

Parameter Velve
Average thrust, Ib 1030
Average pressure, psio 200
Action time, sec 20
Propellant specific impulse, Ib-sec/Ib 203
Nozzle expansion ratio 5
Propeliont weight ( loading), Ib 62
Initiol motor mass ratio 0.90
P opellant: SYN-3 : AP/64%, PU/20%, Al/16%.

condition, the motor will impart 4850-ft/sec velocity
increment to a satellite weighing 125 Ib initially, resulting
in a minimum burn-out payload (less motor hardware) of
64 Ib. Loaded with the maximum amount of propellant
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BARRIER

SUN SENSOR —

i,
| AT\\

WHIP ANTENNA —

/— BATTERY PACK

\ A
A
. \
\ TRAVELING WAVE TUBE

ELECTRONIC PACKAGE MOUNTING RING

possible, the motor will impart 8080 ft/sec velocity to
the same initial weight of satellite, resulting in a minimum
burn-out payload (less motor hardware) of 54.7 1Ib. The
latter mission would provide a less-inclined orbit than
the former, dependent on the boost vehicle capability and
trajectory. Alternatively, the fully loaded motor will
deliver 4850 ft/sec to an initial satellite weighing 147.6 Ib
with a burn-out weight of 77.3 Ib (less motor hardware).

3. Development Program

The program is scheduled for a flight date in the last
quarter of 1962, resulting in a tight development schedule.
Design work was initiated in October 1961, and all test-
ing is expected to be completed 1 year later. Six heavy-
walled motor tests, 18 development-type firings with the
flight-weight cases, and 21 qualification tests of the flight
configuration will be accomplished. Included in the 21

~NITROGEN TANK

PAYLOAD ATTACH
FITTING

"-—ELECTRONICS PACKAGE

SOLAR CELL PANEL

Figure 2. Preliminary assembly of JPL apogee motor in Syncom satellite
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qualification rounds will be 2 spin-fired motors and 8
motors tested at the Arnold Engineering Development
Center.

The propellant formulation has been selected and is
now being characterized for its ballistic and physical
properties. It is a 20% polyurethane, 64% ammonium
perchlorate, 16% aluminum powder additive propellant.
One of the significant advanced features of the motor
design is the relatively low chamber operating pressure
which allows a lightweight case design. However, investi-
gation has revealed that unstable burning or chuffing may
occur for any given propellant at well defined starting
pressures and port-to-throat ratios, with the doubtful
areas of operation occurring at low chamber pressures
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and low initial port-to-throat ratios. Accordingly, a task
has been undertaken to determine the behavior of this
propellant with tests being conducted with partially sub-
merged nozzles to fully simulate the final Syncom motor
design.

An igniter squib is being developed which will meet
the more severe RF radiation safe requirements recently
suggested by the Air Force Missile Test Center. The goal
is to provide a squib which will not fire as a result of
applying 1 w of direct current power for 5 min and the
application of 1 amp direct current for 5 min. The squib
detailed design and fabrication will be done by an outside
contractor, and qualification and acceptance will be
accomplished at JPL.
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