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THERMODYNAMICS OF RAMJET
FLOW PROCESSES

I, INTROODUCTION

ifn principle, the ramjet 18 an air-breatuaing jei propuisiuvn
heat engine which depends for its continued nperation un ram compres-
sion of the entering air, since it contains no moving parts to effect
this process. Figure 1 shows a schemaiLiz diagram ~f a conventional
ramjet. However, the constructional simplicity of the fixed geometry

BOW SHOCK
IGNITER AND
FLAME HOLDER

OBLIQUE
SHOCK

TR ]
i <

**** | 7727/777»\" _
|
|'~.

l L DIFFUSER :
i

d 2/ b c\e
COMBUSTION EXIT
CHAMBER NOZZLE

O =

STATION

Fig. 1 Schematic Diagrom of Typical Ramjet Engine, Showing Stotion Locations

ramjet somewhat belies ‘the control complexity necassary to ensure suc-~
cessful operation over a wide range of flight specds and altitudes, as
vill be emphasized by the various chapters of +his volume. ‘The ramjet
is primarily a supersonic propulsion device, since at subsonic speeds



Iintroduction

ivs efficiency uf uperation is very low. In addition, hccause of its
innerent dependcunce on ram compression, the ramjet cannot produce
usnble thrust to enable it to start moving under its own nower, and
it suffers therefore from the disadvantage of needing to be bouosted
to flight speed by other means, such as by a rocket or turbojet. Thus
it cannot f»rm the sole power plant of on aircraft. At present ram-
jets operate at Mach numbers up to about 3, but 1t is confidently ex-
pectew that future developments of hypersonic urnits may raise this
figure to as high as 7 or akove, Sueh a hypersonic ramjet is as yet
in the de«ign stage, but the inaications are that it will look very
different from designs now currcat. The principles of propulsioun,

however, will remain much the same.

The performance of a ramjet engine is analyzed by first making
a force balance at the exit and inlet in order to find the net thrust.
This is generally accomplished by determining the flow by the use of
one-dimensional gas dycamic theory at both stations and then integrat-
ing the forces acting on corresponding areas. The net thrust is gen-
erally converted into a dimensionliess coefficient (the thrust coeffi-
cient) by dividing it by the product of an engine reference area and the
freestream dynamic pressure. Yerformance is also a fanction of com-
pression, expansion, and temperature ratios. The use of a fixed exit
design for an engine eliminates the variable of expansion ratio and
makes possible a convenient plot ¢” performance as a function of com~
pression ratio as derived from the flight Mach number and the engine
temperature function referred to later (this last quantity is not a
dimensioniess ratio). Analylical estimation of the performance of a
ramjet engine and the determination of its optimum design cannot
readily be accomplished. The floy of air through an engine is sct Ly
the parameters u{ heit addition to the combustion chamber and thke exit
nozzle throat area, ana the equations relating exi+ and inle*t condi-
tions are usually of a complex implicit nature. Accordingly, calcu-
lations initially set out to relate conditions at the combustion
chamber inlet to those at the exit nozzle throat, and diffuser r .=
formance characteristies are then used to determine the diffuser in-
let corditions on the requirement that the flow at the diffuser exit
aatch that at the combustion ehamber inlet.

N




—_— _— — introduction

A rortain ancunt of introductory thermodynamie theory is pre-
sented 1 Secvions 2 nnd 3 of this TG since the application of
this material is discussea in Seetion 3 onwards, Fuel and flow
contrels are discussed in more detail in TG 370-5 and -6 as fuel sys-
tem design corsiderations are an outgrowth of propulsion requirements;
such devices when properly designed are not subjeci to 'feedback' from
tae engine proper. Other aspects of component performance will be
discussed in more detail in TG 370-4 on Diffusers, in TG 370-7 through
-12 on Combustion Systems and in TG 370-13 on Exit Nozzles. In gen-
eral, this TG will attcmpt to relate theory to practice, and engine
performance to that of its components., (Unfortunately. however, much
otherwise suitable material has had to be withheld as it has not yet
beer published iv the open literatuie.) Consistent energy units are
used thioughuut, su tha. us=¢ ol 1Ll conversion factor J (the mechani-
cal equivalent of beat) is not needed. The symbols used are in accord
#ith the A.S.A. List of Preferred Symbols as far as possible.




it ONE. DIMFHSIONAL GAS Drmamils

A broet oane nonilgorous development of usetul gas flow rela-
tiop=hps 0= here p ocsented. poth for familiarization ot the novicr,
" vsoa woriing res cenes, Such flow is tirst considered from the

)= ' nm10mal a=pecu. 1.¢., with constant properties across a plane
spcietioular to the direction of flow.,  (More strictly, onc-dimern-
ot d fiow oy be thoupht of as taat in which the component vf velo-
catsoat ripht angles to the direction of the average velocity at any
Osooscvction may be assumed to be negligible.) More rigorous treat-
st ot one-dimensional flow dues not appear justified as real flows

o wever tralv one=dimensional. but are treated as such onlv to make

wnalescs tractable.  Relevant flow phenomena that do not fall into

to¢ e =dinensional catemory are then considered in due course.

In geaersl the treatment is concerned with ideal nonviscous
lows, since these constitute a large part ot the subject matter of
t1urd mechanics, and does not refer to the nonuniformities introduced
by, 1or ciample, the growth of the more slowly moving boundary layers
“heh form adjacent to a solid surface, and in which the fluid relo-~
city is progressively reduced to zero. (It is usually possible to
Jdeal separately with such viscous effects, and then fit them into the
uain flow field.) Certain boundary layer effects will, however, be
referred to later in connection with the subject of flow through noz-

sles,

2.1 Basic Thermcdynamic Relatiorships

Any analysis of the working fluid requires consideration of the

tollowing fundamental laws:

1. Conservation of Matter: p AV = constant.
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2. Newton's Laws of Motion:

(a) Matter at rest remains at rest or in uniform motion un-
less acted upois bv external forces.

(b) The rate of change of momentum of = body is proportional
to the applied force and takes place in the direction of
that force. This definition is applicable to a finid,

{(c) To ~very action there is an equal aad opposite reaction.
(This impiies ihat forces never occur singly, but that
every force on a body 1s exerted by apnlving an evual
and opposite force to another body.)

3. The ¥First Law of Thermodynamics: All energy is conserved;
when energy in one form disappears, au equal amount of energy
reappears in another form.

4. The Second Law of Thermodynamics: Heat will not of its own
accord flow from a cold to a hot body. Heat will thevefore
flow only where there is a favorahle temperature differen-
tial. This law governs the behavior of all heat engines
since these depend for their operation on the flow ot heat
into and out of a working fluid.

5. (a) The perfect gas law

F  pRT, and
(b) The adiabatic (and isentropic) law

P/pY = constant .

Both the perfect gas law and the adiabatic law are idealized
representations of the observed behavior of gases. The departure from
the perfect gas law is often taken care of by expressing

wvhere Z is a compressibility factor which may differ from unity. R
is used here in preference tc the universal gas constant % (to which
it is related by the equation

- R
R moI.‘we{gEf)
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since present applications deal essentially with the same fluid. For
the case of nonisentropic flow of gases, the adiabatic law is con-
sidered to bhe a particular case of the polytropic law

P/p" = constant,

where n may have varivus values., When ng gy, heat flow takes place
irto the fluild during an expansion process, and when n)» ¥ , heat flow
takes place away from it. If n = 1, the equaiion represents an 180~

thermal ilow case.

The main problem to be considered in ramjet flow analysis is
that of tracing the one-dimensional gas stream in tcrms of i.s state
parameters through various flow transformations., If gas initially at
a state A 1is transformed into a new state B, its final state will
be a function both of its initial state and of the process through
which it will have passed. Some processes are easy to follow because
one can relate the initial and final stream states by equating the
difference of state 40 the prescrihed change; if there is no change of
state this difference is zero. Analysis therefoure depends upon the
determination of the stream states for such processes at various
points.

The obvious intrinsic properties of a gas are mass, volume, and
pressure or temperature (since these latter may be related to each

other by the perfect gas law)., If the gas is in motion, it possesses
kinetic energy; it also possesses potential energy by virtue of its
pressure and volume, but its gravitational energy of position is nor-
mally negligible. Four independent variables aic thus required to
desc_ibe completely the state of the working fluid--the physical con-
stants uvf the gas apart. The two familiar thermodynamic variables,
pressure and temperature, may be replaced by point stream properties
which are uniquely related to them. One may thus esteblish new ther-
modynamic state properties by manipulation of the equations stating
the basic laws. For example, the First Law of Thermodynamics states
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that in general a quantity Q of heat added to unit mass of a gas in-
creascs the internal thermal energy u and performs mechanical work
W. This 18 expresced in differential {orm as

dQ = du + dWw,

Mechanical work may be expressed in tcerus of force and distance as

dw

(Force) 4

But Fo e =~ P A .

dw

P A d. T

whence dQ du + P dv 1)
For ideal gases the internal energy u is a {unction o: tvaperature
only, yielding the relationship

4@ = c, dT + P dv. (2)

As it stands, this differential equation is not directly integrable,
since it has uOt yet been established what portiou of the addea heat
increases the internal energy of the body and what portion is con-
verted to mechanical work., It may be shown from the Second Law, how-
ever, that the right hand side of the equation may be made an 'exact'
differential by dividing by the temperature, i.e.,

Q- e, T+ Fav.
Q T, v 8
J’zﬂg- I‘cv&,+f2§dv-fzu. (3)
9 i vy s

This equation defines a quantity 8, called entropy, which is thus
shown to be a function of the thermodynamic state of the system, and
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which in fact determines alether or net the flew may ue regarded as
reversible (As - 0). A reversible adiabaric process is therefore
tsentropic., Conversely, an irreversible adiabatic process is non-

fsentropic.

If the h=at addition be specified to occur at constant pressure,

Lqg. (1) is directly integrable since P wiil not then be a function of
v
) Y2 Ry
fGQ - f du + J’ Pdv = lﬂ] .
P constant 1 Vs H1
" H = u + Pv. (4)

The gquantity H so defined is known as enthalpy, which thus repre-
sents the heat absorbed by a body at constant pressure. By defini-
tion, cp = g%)p . 8ince H and s are two independent functions
involving T, P, and v, they also serve to define the thermodynamic
state of a system. The above relations are essentially thermoscatic
ones, since they presuppose that the system has attained thermodynamic
equilibrium. At very high flow velocities, this is not necessarily

the case.

Many thermcdynamic calculations can be considerably simplified
if it ie a2ssumed that the heat capacities cp and <y remain constant as
ithe temperature varies, which would be so if all the internal energy
of the gas existed in the form of translational energy of the mole-
cules. In combustion processes, however, temperatures are high enough
for the internal energy to exist in the rotational and vibrational
forms The variation of y (= ¢ /cv) with temperature i5 therefcre of
some importance, and kinet:c theory shows that jy sbhculd be given by

2
-y 1+'x-,
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10

Tkeferences may be found on page 173.

where X is the number of degrees of frecedom m1 the gas molecule - 3
for monatomic gases, 5 for diatomic gases, and 6 for polyatomic gases.
The corresponding theoretical values of ¥ are thus 1.67. 1.40 and
1.33. For the case of air, the value of 1.:0 i» very nearly correct
at low temperatures and pressures, the value for 02 being slightly
lower and that for N2 slightly greater. (Toe value for combustion
products Jiffers somewhat.) The effect of pressurc on the value of

y. particularly within the relatively low pressure range at which the
ramjet engine operates, t.e., less than about 200 pcia, is sms®l. Fige
ure 2 shows the variation of ¥y with temperature and pressure (Ref.
l)! The value of 1.40 is a convenient one, in that its use results in

1 40

e P
133 g PRLSSURE +100 ATM
y'30 2. PRESSUME + 100 ATM
128 b— t
120 PRESSURS +10 a'wé
[ i 1

o] 1000 20CO 3000 4000 5000 6000 70CO SV00 9000 10,000 11,000 12,000 13,000 14,000 18,000
TEMPERATURE (°R)

Fig. 2 Voriation of y (¢, ¢,) with Temperoture and Pressure

the exponents common in various Mach number functions referred to be-
low having whole number values, for example,

- 2 - Y +1
-)7—_-—1- 7, 7—:—1- 5, and m 3.

Y = 1.40 has therefore also hecen tncorporated as a basic parameter into
the International Standard Atmosphere. Although for the sake of simpli-
fying analyses many relatively simple empirical equations have been
proposed to express cp and c, as functions of temperature, these equa-
tions can at best yield only average values over certain ranges of tem-
peratur2. It is therefore preferable to use actual data, particularly
as the burden of handil.i;z this material can be alleviated to a large
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extent by the use of computers with iarge storage capacities. (In
practice, a computer would store all the equilibrium constants, vibra-
tional properties, and moments of inertia, and then utilize a program

to calculate the thermodynamic constants .8 necded.)

2.2 The Speed of Sound

This 1s a parameier of major significance in defining the nature
of high speed fluid flow. A derivatiun is accordingly presented here,
the starting points being Newton's Second Law and the Law of Conserva-
tion cf Matter. Consider first a movirg coordinate system which has the
same velocity as a weak shock or sound wave (a small pressure discontin~
uity moving at the speed of sound) so that the wave becomes stationary
with respect to the mcviug coordinates. If the wave is taken as being
propagated from right to left with respect to the gas at rest, then in
tne wmueing ~oordinate system there is a flow of gas from left to rig..t
through the wave. Since this wave is considered one-dimensional, i.e.,
planar, it extends theoretically to infinity in a direction normal to
that of propagation. Under these conditions there is thus no change
along the wave normal tc the flow direction; furthermore, a stream
tube entering from the left must retain the same cross section :'nd
the mass rate of flow through it remains constant, even though velocity,
density, temperature, and pressure may change as the tube passes through
the wave front, as in Fig. 3.

SOUND WAVE

'n'upllvtipl |T| ﬂz.Pi ,V" IPR'Tl
FLOW DIRECTION T
=X )

STREAM TUBE

Fig. 3  Definitions for Gas Flow through Weok Shozk Wuve

11
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v Newton®s Third Loaw. the wtoices acting from the left on the
sound wave must balance thosc acting from the right. The reactions on

tie (wo “1des are therefore respectively the sums of the pressure

forces anu the raites of chaange ot momentum:
AP+ S (m v) = A, p, + 3 )
qhrra My 272 * gt (mg Vy

for steady flow.

\'I and V2 are constant with time at fixed locations and their deriva-

tives are thus zero.

dm1 dmz
. Al Pl - Vl v vl A2 P2 + Vz a3t

The mass rates of flow, um/dt, are given by the Equation of Continuity,

or of Conservation of Matter:

dm1 dm
& - A Vy and 4§ = Ay p, Yy
T, Ay Py o+ Vl(A1 1 Vl) = Ay Py + V2(A2 Py Vr)

or A(P + p v2) constant.

This latter will be referred to as the momentum equation. The quantity
A(P + p V2) is constant along any stream tube, in the absence of wall
forces, and can be differentiated to determine how P, p, and V vary
as the flow passes through the sound wave. For a constant area stream

tube,

AP + 2V p dV + V2 do) = o, (5)

Ap V = constant,
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Differentiating the last expression,

Alp dV + V dpy = 0 . (6)

Inserting Eq. (€) into Eq (5),

Al -2v2 dp V2 gp) -~ o,
, 2
and solving for V©,
2 dpP
v - . 7
iy @

if the flow velocity is high enough for there to be negligible heat
conductinn from the wave front, the flow will be adiabatic, for which

P. - constant,
p?
or
df = y =—dp ,
su that
v = 7%.
which for ideal gases gives
E—

= a, the speed of scund. (8)

¥ 15 uere the 'instantaneous' value corresponding to the temperature T.
Also,

13
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This cguation defines the speed at which . <matl amplitudc disturbance
wi1ll propagnte itself through the medium., This sonic velocity will be
tound to be a convenient quantity for simplifeing anaiyses sinece the
sach number M is defired in terms thercof. It may again be emphasize
that the equation o = V;—EhEris only valid for a condition of thermo-
dynamic cauilibriur, which may not always be a realistie assurntion
when combustion gases are being considered. If a chemical lag occurs,
a  us given above must be regarded as & lower limiting value. A highors

limiting value, may be determined on ‘he assumption that tlo

Afrozen’
is ‘'frozen', i.e., its chemical composition is unable to react to
changing state parameters. This distinetion may be important if the

fiow velocity is changing rapidly, as in a nozzle,

Sound waves are very weak types of shoek waves, the theory of
which is dealt with in greater detai: below. The speed of sound is
thus the rate at which only the smallest pressure disturbances travcel.
True shock waves, in which the pressure ratio across the discontinutty
muy be rmuch greater than unity, may on the other hand travel at speeds
of several times that of sound. In this category fali explosion waves
and certain types of detonation waves in combustion chambers.

In view of the definition of M 4in terms of a, it is of inter-
est to consider how the value of a 1is affected by a variation in tem-
perature, as both ¥ and R are temperature-dependent. In the case
of R, where R = (¢ =~ ev), this difference is almost constant with T

p
up to temperatures of several thousand degrees Fahrenheit. 9 is there-

fore the parameter most affected by the variation of T, and in the
atmosphere, since the temperature varies in a complicated way with
altitude, so also does the speed or sound, the latter ranging in value
from somewhat less than 10C0 fps in the stratosphere to over 1400 fps

at 400,000 feet.

2.2 The Mach Number

The nature of the wave system representing small distywwrbances
traveling with the speed of sound is dependent on the absolute (free-




A s v e e A

Cue-Dimensional Gas

stroam) velocity of the source of the disturbances in relation to the
speed at which the diswurbances travel, or, more succinctly, on 1ts
Mach number M, a purameter which has already been referred to. 1In

Fig. 1{(a), let suicessive positions of the source of a disturbance

fe— 2Vt — - — =

! _ 3Vt

V>a

(a) (b)

Fig. 4  Mach Potterns Set Up by Small Pressure Disturbonces Moving
‘ at Subsanic and Supersanic Velacities

l (traveling at velocity V < a) be A, B, and C. When the point C has
been reached after a time 2 {, the front of the wave emitted when the
source was at A will bave traveled a distance 2 a t; that emitted

| from position B will only have traveled a distance a t, i.e., the

source can never overtake the wave representing the 'advance warning'.

In Fig. 4(b), however, when V > a, it is seen that there exists a coni-

cal envelope to the wave fronts (which in thrcc-dimcnsional flow are

spherical). Supersonic flow is thus characterized by the existence of

a 'zone of silence’' external to the envelope, in which disturbances

representing pressure signals cannot be received. If, for example,

the source of disturbances is stutionary and the fluid is moving 1in
the opposite direction, i.e., from right to lefi, supersonic flow will
continue in the zone of silence undisturbed by the suurce whose pres-
ence is only felt downstream of the 'Mach cone'. The envelope shown
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15 known as a Mach wave (in citrher two- or three-dimensional flowj),

and i1 1w cilear tnat

Sinv p = Lt‘ = '1— .
Vit M
i is here the Mach angle If the source of a cisturbanc2 moves at
the speed of =sound, u - /¢,

The wave configuration shown in Fig. 4(b) will remain similar
ceven when the pressure disturbance is lairge, except that the velocity
of propagation will now be greater than a, and the half-cone angle
will thus be larger than sin-1 1/M. Such a wave is known as an oblique
shock wave, Since it is traveling faster, a stronger shock wave will
tiius overtake a weaker one, and by a similar proucess, a series of weak
waves will coalesce to form a stronger one, as will be the case if the

boundary has a continuous concave curvature.

Ii is conveniczuit to express many of the common thermodynamic
flow relations in the form of functions of the Mach number,and various
relations involving M are therefore derived in a subsequent section,
and plotted in the Appendix.

When M < 1, the flow is said to be subsonic,
when M = 1, it is transonic, and

when M > 1, it is said to be supersonic,

hypersonic flow referring to the case when M > 5 approximately. This

latter definition is merely one of convenience, since the ranges in

which supersonic and hypersonic flow relations are valid will of neces-
sity overlap (Ref. 2). The Mach number may also be regarded as an in-
dication of the ratio of the ordered kinetic energy of flow of a fluid

to the random kinetic cnergy of molecular motio..
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2.4 lsentropic Compressible Flow

The simplest type of flow to consider is steady flow without
transfer of heat or work across the boundaries of a duct. The cvoundi-
tions at any two Stations (1) and (2) may be related by noting the
equality of the energy states; the energy conserved is partly thermal
(internal) energy, partly pressure {potential) energy, and partly
Kinetic energy. Writing expressions for thes: terms, one has for

uni! mass, neglecting gravitational effects,

+ %— = constant. 9

= ¢. T+ g + %— . (10)

d Let this ratio be K.

Then 1

w
o
]
=
\_/'
~y
L]
=
5‘1
.l..-
fom

| T
and
' 2R7Ttr /p l";'l'_l 2RY I, 1_]
v =] -7—_—-i—l_l -\Ft> J =, —5-!—-:—-1-‘-— l-z-J . (11)

AN o k]
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) Staoe ¥V M 45 B O tor the flow ol a compressible medium,
2 v 2 (
I A TRT (-,r-l)erl"'
|
2
o1 K-
K e Lz bw? (12)

From Eq. :11). the mass flow per unit area is given by

/ ro2 13_1]
. - 2y P Y (p\7
7 G 7=T Pt Pt [(F:> -(Ft_> B a®

The mass flow cannot, however, be made to increase indefinitely with

>3 -

in~reasing Pt. for the flow velocity ecannot be accelerated beyond the

soaic value by a simple contracting section.

For a maximum, therefore,

I G2 Y+l
s Y
P Y (P _
d<"’?> \Ff) -
L : ‘ 4
X
r=1
ie., (3;— - 6—%—1- . (14)
t
\ \ y
tor air (¥ - 1.40) this ratio has ihe value of 0.528, and for combus-

tion bases it is akcut 9.548. The critircal velocity corresponding to
this pressure ratio may be found by substitution of Fg. (14) in Eq.

i G

t

Y 2y . :
vc~Vy+1R'r « VyRT=a. (15

18
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Fhus o maximum discharge occurs when Pt reaches a value (1/0.528)P for
air, tue Mach number being then equal to umity. This is known as the

"choking' condition, i.e.. an increase of upstream pressure will not
further increase the velocity bevend the local speed of sound [al-
though the mass flow can £till increase, because of the presence of
the density term in Fgq. (13)) . The location where th!s occurs 1s
known as a 'throat.' from which small pressure disturbances cannot
tvavol upstream. as previously demonstrated for the case of the zone

uf silence.

Summarizing. the pressure, density, and temperature ratics may

Hhoe o written as

L Kk 71 (16)
P
t
.1
. - k V‘I, and (17)
7]
"t
T _ -1
T K™t . (18)

Il is interesting to note that the total or stagnation temperature Tt
is independent of the method by which the gas is brought to rest, pro-
vided no oxternal work is done and no heat is transferred across the
boundary. The relationship in Eq. (18) is therefuvre Lrue whether or
not the flow is isentropic.

These relations are nf great value in determining the nature
of tue {low in a variable arca duct. From Bernouilli's egquation ia

differential form,

V dvV + —

]
(=
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o

Substitut ng from a° ap ap.
“2 de .o Vav
£
S dp = M2 av since M2 = V2
! p v - ;7

Whea, thaeraefore, M < 1, the velocity will increase faster than the
density can decrease, so that the area must decrease for the flow to
continuce (v fill the passage. When M >~ 1, the density will decrease
faster ihan the velncity will increase, so that the area must increase.
Nozzles to produce supersonic flow are constructed so as to make use
of this principle, and are thus convergent-divergent. To find the
area relationship in terms of M for isentropic flow, one has

o AV = pr A"yt

where the asterisk refers to the throat condition (at which ¥ - 1), so

that
A _ g v ptal
a* p v p aM
£
* *
[4 Y=
RS -
t LK
* -
where K = 1 4 5 1 _ 1 ; Y
\
: 2
a2t y o

Furthermore -3 D B

t
)
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y+1
2‘7-[5
A 1/X
Hence - - ~| == . (19)
A M\ K
The corresponding (isentropic) pressure may be durived from Eqs. (’€)

and (19):

25

(20)

2
[ (7'7'1')
* 2 < =2
pyl_(p>7
(W) P
M -

The relationship bLetween area, pressure and Mach number may likewise
be obtained from Rernoullli’'s equation and the continuity relation in
differential form:

: dP d dy .
Vav+ = - 0 and '%*‘V*"A‘ o .

Now o o ) v - -

38
%
EL

a®/
2
. 9;(1_-_;_) , @1
Y M
|
|
é since p Vz = p Mz Yy RT = Py Mz

Since matter is conserved in a flow process,

n o= Pl V1 Al =~ Pg Vz A2 , and

21
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~ertang » pPET o Voo Man
I P2
RIS ) T, Y2 t2 A2
JE—
Since a - ¥y RT,
A, P, M V Y - A, P, M V \ (22)
1 "1 71 R ll 272 72 R 12 :

Equation (22) is in an inconvenient form since the temperatures
arc 'static' values. as would be determined by an ‘observer' moving
v ith the stream. 1In attempting to measure temperature, a sensing de-
vice would normally bring the flow to rest and would thus sense the
‘total.' or stagnation, value. Combining Eqs. (18) and (22), there-
fore, tn get over this difficulty,

B e

AL PoM [y K
W - 11 1[ 1] - Py ¥ { ] _ (23)
VT, R ;f_

Suffixes for Tt are unnecessary here since ’I‘t remains constant in

adiabatic flow.

Thus far, flow quantities have been considered on a mass basis.

For flow on a weight basis,

(24)

The quantity
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, 9 . . .2
1= defiged by the symbol oa oand 15 read 'wocircle. Weight flow may

tnus be expressed hy

II%

w = S2X (25)

(ad

Replacing the static pressure P in Eq. (25) by the total pressure

Pt. cne has

AP
v -t fepp )S}. (26)
vi, Lt

Equation (26) may be used to relate constant weight flow between any
two points (1) and (2) for two values Pt and Pt o tota)l prossure -

1 2
which may be dissimilar. Thus,
A ptl 2 A, p“z
W Wy v —— (P/Pt)wJ - —== (/P ¥ . (@D
;"r_t 1 VT, 2

For constarcy of entropy and eathalpy, the total pressure as well as
i the total temperature will ke the same at St:tion 2 as at Station 1.
Thus |

i

Ay ‘:(P/Pt)ﬁ]l - A [(p/pt)ﬁ] - (2R)

The function !}P/F&)&] may also be expressed in terms of the Mach num-
[
ber:

2;he symboi W here replaces the symbol 8, erroneously listed as a mass

flow function in Ref. 22.

-~ N
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L
It A2 be replaced by A, as at

(29)

the throa. of a supersonic nozzie,

_r+l
A X 12(y~-
S w )
1
It follows that
o Lerot
A" [ pw]*
and it is also uvbvious that
AL A2
[y &
(/A% (A/A7),

(30)

(31)

Several of the above relations are plotted (for two repr=sentative

values of ¥) in terms of M in the Appendix.

These area relations

may be used to find the areas corresponding to different values of M.

both sub- and supersonic. When flow is assumed to be isentropic, no

change of total pressure througih Lue system is considered. ([Static

pressures may be computed at any point by using Eq.

t, Y
Py Py
zP/Ptjz ZP7Pt,1

(16).] Since

(32)

sc that (P/Pt) at both M, and M, may be found from tables or curves
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and substituted tnto Eg. (32). For example, if a flow accelciitics
from M 0.1 to M = 1 0 the value ot (P;Pt) changes from 0.993 to

0,528 Hoene,

B |5 393

-

(Plpl) is a continuously decreasing and single-valued runction oi wach

numher.

When the flow is adiabatic but nonisentropic, Eqs. (16) and
(31) wo longer apply, but Eq. (27) may be used. The amount of energy
degradation {entropy increase) can be specified by means of the total

pressurc ratio (Pt /Pt ). Usiang Eq. (27), an exit Mach number and
2 1

area may be related to an initial Mach number and area as follows:

A [(p/pt)S]l ' 33)

A, {p/p )8] -
2 [ t" 42 t

ta Y
This relationship may be solved for either the unknown area or Mach
number function as required, and it is useful for the calculation of
ramjet inlet capture area ratios for imperfect diffusers—where the
total gressure recovery ratio, exit Mach number, and freestream Mach
numl-2r are kncwn. In this case, the equation is set up for Stations

0 and 2 (see Fig. 1), and is expressed in terms of area raiios:

A " A
0 -'.‘1 - o r”, -‘
i pto L(p/pt)w_,o N Ptz L(.,.pt)ﬁ_'z

Solving for (An/Al).

Ay Ptz /A2> err )R], - -
P /\B) (w087,




Jio=Dimens-yonal Gas

26

All the terms on the right hind side arve known. Alternatively, if

all the terms excepu (Pt ,Pt ) are measurable quantities, this rela-
2 0
tion may be used to de.et ine the total pressure recovery.

2.5 The Normal Shock

One~dimensional gas dynamics is adeguate to descritre . case of

nuaisentropic flow represented by a discontinuous rise of essure,

density, temperature, and entropy known as the normal shock wave. This
rise of pressure is of particular importance in the design of a ramjet
diffuser which is designed to produce compression of the entering air

withcut the use of moving parts.

Now from Euler's equation

vV dv + doge 0,
P
and the isentropic equation
P = o' x,
which can be differentiated io
-1
P = k7 py S dp ,
there results
2 2 P
v ¥ -2 e ¥ P _ Y e ¥t
- * JL v P dp 5=+ 77 =1 s P )

the stagnation value. Thic is the energy equatiun in ~ompressible flow
and may be applied to ¢ither side of a shock wavc.
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Considol now the flow in a duct through a normal shock front, using
subscripts 1 and 2 for the imnmediate upstream and downsStream loca-

tions {Fiz. 3).

/,/ ‘/ // /f /,’ ///l/ / / //l/// l/// //L,/L

M o> Mg <)

—_— PP

oy Fig. 5 Defivition of Normal
T',:c', T: :a., Shock Wave Relotions

Vi Nayasses

Then for the two sides of the shock--which may be considered infinitely
thin--using the continuity and momentum relations,

1 2
— % N - == —
2 2
P, V v v
—r 1,1 _ _7 2
7o 15, ' 2 y_1p1vl<pl""1v1 PrV1V2) * 2
3
f-_".‘—ﬁ
2
=%yl:'_%a" (25)

From the first two parts of Eq. (35),

7, /v v‘ v2 2
y 1(’1° 72 +1'v2 = X v (V. =V,
y-Tpl 71 2 ¥y -1 "2 1 2
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Since Vl:w Vz. divisioun by (Vl - V2) gives

y ol vy * ¥y

+
‘y-~1p1V1 2

or

o

2
___}./—_.—}.+V_1 =(Y —1
¥ -1p;, 2 -1 T

Combining this result with the third part,

= 7’ 1— v2 3
V.V = y + 1
12 VICAE YY)
v, Vv, = +2
or 1 2 = a

(36)

This relation, according to Prandtl, shows that for a normal shock V2

is subsonic.

2 *
Now i = I _ K_ and
3 - '
<; T K
2 2 *
(B) - v (%) - wE
\a a K
2 2
o (hy Loy Lo ex
* 1\ ¥ 1K
a & i

<
\*""/N
[
=
NN
&
N
]
=
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Multaplying.

e
~——
=
-~ N
nfk
G

K MI i} KZ
K * 2
1 K MZ
Solving for M22 by substituting for Kl' K2, and K*,
Y -1 .2
1 L—g—- M
Mz . 2 l(1 N + 11 37)
2 2
2YM1 - v + 1 YM? ——Z'—
Also
2 2
*®
- JS UF TR A U A -5 E% (38)
Y1 Ve W W al ¥ K
1 1 1 1 1
The variation of (vz/vl) and (Mz/Ml) with “1 is shown in Fig. 6. Pres~

sure, density, and temperature relations across a normal shock wave may
be found as follows:

Py M 2 x*
= M 3
o v; 1 KI (39)

and since a = Y

N
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. K* + v - 1) 272 - (¥ - 1)
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K K

(40)
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2 3 4
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Fig. 6  Normal Shock Functions (V,/V,) ond (Ma/M,), y - 1.4
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® 2 1
#y ,op, XK + (] - 1) X
P R 1 (41)
T 70, ¥ Lk e
! 172 X 1Ko

These relations are shown in Figs. 7 and 8. Figuwre & suuws a compari-
son between the cuvve relrting pressure and dernsity raiios for isen-

tropic flow, and that tor flow across a normal shock wave

30 — 6
25 - w5
20 %

) F2
(§his 3G
10 2
5 ¥ |
) 0

| 2 3 4 5

M,
Fig. 7 Narmol Shack Functions (P3/P,) ond (p3/p1), v = 1.4
At very high Mach numbers, the static temperaiure rise ouf the

a5 passing ihnrovugh 2 shock wave may give rise tn considerable ioniza-~
tion, which may be felt ahead of the wave if thc ionized particles are
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Fig. 8  Normal Shock Function (T,/T,), v - 1.4
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It is also a simple motter tc determine the ratio of the =tagnation

pressure downstream of a shock to the upstream static pressure. These

quuntities represent readings conveniently available from the use of

an impact prove or vitot tube inserted into a supersonic strcam. As

siown 1n rig. 10, the detached bow wave has the form oi a normal shock

impediately ahead of the probe.
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Pi*ot Tube in Supersonic Stream
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A 12(2yu1-y+1)J 127;21-7+1
(43)

This relation s known as the Rayleigh pitot tube formula and is plot-
ted in Fig. A-12 in the Appendix.

It may be noted that a velocity transition from subsonic to
supersonic through a normal shock wave--though permitted by the above
consideration--is not possible, as this would involve a contradiction
The total pressure rel2+ticnchip
shows that a loss occurs during deceleration (as actually cbserved),

of the Second Law of Thermodynamics.

whereas flow in the reverse direction would imply an increase in total
pressure and thereby a reduction of entropy.

2.6 Steady Diabatic Flow

The foregoing adiabatic anaiysis obviously cannot refer to the
case in which flow takes place with a change in enthalpy, such as
occurs through the combustion chamber of a raajet, or in a duct where
fiiction effects are not inappreciable. This may conveniently be
handled by one of the methods relating to diabatic processes, i.e.,
those in which heat 1is added to the system either from within or acrcss

the walls, as developed by Shapiro et al. (Ref. 3} and othe:rs.

From the momentum eguation, taking subscripts (1) and (2) be-
fore and after the point of heat addition,




One-Dimensional Gas
2 ol
Py Yy P. +fg V2
‘ 2 vV
and from the perfect gas law, P p RT, and ™ FET y—p‘e' ,
2 2
l P2_pl "17”1"27”2'
or
P P
1 1
1 - fz Y(I? p‘z‘ - Ig)
P 1 +7 '2
et ——s (44)
2 1 +7 ll
Since l?’t - P ,
:_tl _._?1 7 u§(x1 | (15)
= 4
tz 1 +Y 1 x;
From the perfect gas law,
\
E T, P 0, P2 A nrT
, T (a+y M) W
'rl . _.%_.‘1, X (46)
2 (1 + v ll) lz
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One alsce has 1t T K.

. 2
Ty K5 M2 . v M2 K
ol -] 2 1 47)
gl T, % ME(1 + ¥ ¥ X
2 2 1 2
Likewise
2 2
p v ME(L + ¥ MD)
Pa 1 MI(1 + 7 M
!
=T

Since p = p, K "% (where the density assumcs its stagnation value

p, if the flow is brought adiabatically to rest),

1
¢ Pe. k7L w21+ v )
0 SRS W i § - 2 1 (49)
5 P K 2 1 2 '
2 ty V2 Ml(. + Y M2)

and

p 2 2 r-1
ty M1+ v M) (x1>

F:— ) Ml(l + y ; )

K, (50)
2 2
Since the stagnation temperature changes with heat addition, a
more cunvenient reference conditicia is one associated with a particular
value of the mass flow. Thic is the condition at which 'thesrmal chok-~
ing' (M = 1) occurs. There is thus but one value of T*, P"l and p"l for

any particular flow,
T
Thus '(Z‘i) = (11)
T T

' 1

The correspundine pressure, temperature and density equations
are thus found by subs?!itiution of M = 1 into Eqs. (44) to (50):
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P 1 + v
+ - — 5 (51)
p’ 1 ey Ml
and
s
S ! oy [k (525
o =AY '
t L+ »M K
Alss,
T . G+ pdud )
;; (1 + 7 M°)“
and
:‘;t_ _wa s ¥k | 20 e n X ks
T, a + v u°x" 1+ v u9)2
From Eq. (48},
*
e .Y !?(1 + ¥) (55)
P v 1 +yM

and

A M GIORE) (x'\’—h . (56)
Pt 1+ v uy \K/

©

Theae functions are plotted in Figs. A-l€ and A-17 in the Appendix
for two values of ¥ and they are aiso tabuiated in various texts
listed in the Bibliography (Cambel and Jenninga, Zucrow, and Shapiro)
and in Ref. 22. For iuitially subsonic conditions, addiiicn of “eat
to the flow causes P, Per P and Pt to fz1l1, and V, Tt and T to rise.

[A]
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t { 1
r - , Sb o T e s s s tha Mac h o numner to be draven
e SRR tor o tiow o rnntiatly cither sahsonie or supersonic. The
Trherse ot te neenr whon nedt i= waithdrawn from the fluid., This
Pricorple Lae been apprlred an the facrothermopressor' deveioped by

suariroe (Ret.o ) liguia berag injected into a subsonic gas stream
tlowt: 2 15 a4 duct 1 order 1o incprease the stagnation preszure. [t
Al ooy boen poticod that an anemaly vecurs 1n the <urves 10r (T.T')
and (p. p)oin that these ratios reach a mav'mum at a value somewhat
less than unity. It is casily seen from differentiating Eq. (53) that
this maximum oc urs at M 1%, t.c.. at M - 0,845 for ¥ = 7/5, and
at M 0,582 for 3 a/7. For 1/v% < M < 1, therefore, wherc

1.029 ~ (T T‘) « 1. turther addition of heat to the fluid brings

abpout an increase in kinctic cnergy to compensate for the drop in the

value ot (T T°). The behavior of (p p) is similar.

Siuce with flow 1nitially subsonic, it is clear from the ther-
mal choking effect that the addition of more heat to thc fluid cannot
then result in a further increase of velocity, the assumed mass flow
conditivn at the entrance to the heat transfer region becomes incom-
patible with that at the thermal throat, and the mass flow must then
decrease,  This reduction in mass flow is analogous to the pressure
cicking effect resulting from a progressive reduction in the size of
2 geometric tnroat. The situaticn in initially supersonic flow may be
illustrated by a comparison with the case of flow through a duct with
multiple (geometric) throats, as shown in Fig. 11, which is an exten-
sion ot the nozzle condition discussed later with reference to Fig. 18,
The adjustment to sonic conditions at the thermal throat is accom-
plished by the flow first becoming subsonic thrcugh a normal shock; it
may then accelerate again if further heating occurs (as by friction)
up to the sonic point, finally decelerating through a normal shock.

At least in theory, shock-free deceleration of supersonic flow to Mach
1 by heat addition is possible, but if friction ~ffects are present.
it is ciear that the length of 2 duct is an important variable, since
the effect of friction is to bring 2bout a progressive addition of

hzat to the fluid, with consequent change of Macl. numher
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i9/P,

!
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DISTANCE FROM |st THROAT, ARBITRARY UNITS

Fig. 11 Analogy af Diobatic Flaw of Air with that in a Duct Having
muitiple { LLeameiric) Throats, Showing Uastable Nature of
Decelerating Flow

It may be noted that the creation of 2 therm:' throat is not
normally aimed at in the design cf ramjet combustion chambers, since
the function of accelerating the flow to sonic velocity is reserved
to tie propulsion nozzie.

For no output of shaft work, the energy e:uation (per unit mass)
is as follows:

dQ = cpdT + ¥V dv.
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Dipeheional Gas
Toteurating,
2
V- 21
Qen Ty = TP+ S = My = H) v s

or, in terms o stagnaiion enthalpy.
. H - = 0 -
Ql—>2 t H Cp(’lt Tt ) ’

where

When the continuity and momcntum equations apply, then for a constant

area duct the auass velocity G is given by

G = pv ,
and therefore

P + G°/p = constant. (57)

Likewise, for constant stagnation temperature, the energy equa-
tior may be written

ool o

= constant. (58)

The effecis are shown graphically on a diagram plotted to
ordinates of temperature (or enthalpy) and entropy, such as Fig. 12.
The lines on the diagram which represent Eqs. (57) and (58) are known
ac Kayleigh and Fanno lines respectively. The points A aund B of
maximum entropy for the two curves correspond to the choking condition,
which can thus be approached along either the subsonic (uoper) or

supersonic (lower) brecaches. A process ot therma! choking brought

avuut by heat addition to initially subsonic flow is shown by follow-
icg along the line DB; heat addition to supersonic flow with decelera-
ticn through a shock wave (with corresponding increase of entropy) ard
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~lUbscguent acee Jeration to the chokiryg condition is illustrated by the
curve CDB. The point ol maximun catnalpy on the Rayleigh line corre-

~pomis to the value M U

Fonno Line (Constant Ty)

EQ

\
"0::""9

Rayleigh Line

Fig. 12 Faenno ond Payleigh Lines

Some practical outcomes of these considerations as related to
supersonic combustion are eferred to later.

2.7% Thrust and Drag

Further use will now be made of the momentum equation as derived
initially in the section on the speed of sound. 1In the form givern,

P pv2 = constant,

2 ¢coustant area duct was assumed, The momentum changes that the inter-
nal flow through a ramjet undei'goes due to both area varialion and heat
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agurtion are made use of an the generaticn of thrust. Consider first
B oarternal thenst as set up Ly tluid flow in a duct of variable area
(Fip. 13).

o0
o
Py

Fig. 13 Duct Flow Variables |

<
>
|
|

On any crouss-sectional arei A, the force acting is composed of
the static pressure over the area plus the rate of transport of momen-

tum, i.e.,
G = dm
* PA+Va-{,
or, using the mass flow relationm = p V A,

§ = A + pV)

AP(L + ¥ M2) for a perfect gas.

A function f is also defined by
2
f = P(1 + y¥%) . (59)

This function is showu plotted in the Appendix. ¥ 1is here known as

the stream thrust (or *mpulse function). It is clear that the stream
thrust remains constant ir a duct of constant area (such as, for ex-
ample, certain types uof ramjet combustion chamb-:s) and thus corre-
iponds to ihe Rayleizh line previously referrec to. 1In a variable
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A e aucet Deoreacty o torce exerted by othe fluad on the duct s
wrowr st anteraa! terust PO aud petween Stations (1) and (2) is
tuvitt by
o . _ R _
rinL m(V2 Vl) P2 A2 P1 Al
w2 -,

This force acts in an opposite direction to that of the flow. The in-
ternal thrust is thus equal to the difference of the stream functions.
It may be noted that the reclative values of V2 and V1 will reflect not
anly the difference of cross-sectional area, but also the difference
in onthalpv of the gas at the two stations. Considering the ramjet
engine as a whole, the entering fluid will be air, while that leaving
will represent the result of nixing air and fuel. An additional in-
ternal thrust term due to the injection and acceleration of fuel is
therefore given by mfvz. The magnitude of the external thrust (or
drag) is given by the resolution in the direction of flow of the
forces acting on the projected area Ap

Faxt ~ PolA, = Ay) = Bo(A) = A)) = Po(A) - A,).

The sum of the internal and external thrusts is known as the gross
thrust of the ramjet engine:

Feo = Mg Vo + APy = Py) - g Vg

©

= 4 - % - -
f 0 PO(Ae Ao)

A .
- - w2 T . gl
A, P (1 + 7 M) - Pg A (1 + I; ¥ Mo),
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1t thae pressurce ot the exit from the nozzle differs from the {ree-
strooam votue.,  The acrease of momentum due to fuel addition may be
taken acvount of by intreducing the factor (1 + y}, where y is the

frel-a1r ratio:
F“ (1 +vy) ﬁo Ve + Ae(Pé - PO) - mo Vb 0 (60)

The net thrust is less than this by the amgunt oI 21> =2xterunai .ric-

tion drag fcrce D 1f the internal friction drag is considered to

ext’
boe small:

Fret ~ Fg = Pext

Under steady flight conditions,

Fnet is observed to depend strongly on the ambient pressure and the

freestream Mach uaumber for a fixed engine geometry. A more constant
parameter is the dimensionless ccefficient obiuined by dividing Fnet
by the product of the engine reference area (nominal cross section)

An and the freestream dynamic pressurc dg -

c _ Fnet

I v (R
n-v

This quantity varies only sluwly with Mach number and ambient pressure
level. Since it is independent of engine size, it is a useful measure
of comparison between engines of different size under different flight
conditions. The expression for the thrust coefficient may be trans-~
formed by the introduction of the mass fiow equatiun and the perfect
gas law. Since

\)
- 2 e
Fg = po Vo Ao<(1 + y)v-c; - 1),
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oo et d o the Capture area Ap 14 the freoestream,
A
~ - e 3
Cp 2 &1 by v ip
0 \ /

A4 since for any arbitrary area AL

A
Cp c. 2.
n ‘0 “n
A v
- -~ _0 e _
CF 8 P3 x— /(l + y) v— 1)-
n n 0 /

A different comparison of engine performance that may be men-

tioned here is given by the quotient of the net thrust and the fuel
weight flow:

£ = — (62)

This quantity is known as the fuel specific impulse, High valuz:s for
Ie signify efficient engines, and values of from 1000 to 2000 seconds
are obtainable, The reciprocal cf lf is clearly the specific fuel

consunption; this latter is often stated in units of reciprocal hours,
It is also useful to express stream thrust in terms of other
flow properties:

2
el Wﬁt (1 +°YM)
w

. . o)
Substituting for w,

. (1 YM2) R
f -~ wyT, —yr— Vw& - (63)




This relation will serve as o measure of jet reaction if the rotal
temperatoce and Mach number are known as well as the rate of flow,
Since, however, it isg difficult to measure elevuted stagnation tem-
peratures in flowing gases, it is thercfore customary to evade this
by measuring inste.d the sonic jet reaction n‘ which would be that
t-1t at a choked nozzle. The quotient of the jet rcaction ?‘ inwo
the weight rate of air flow wa is then defined as the air specific

impulse Sd‘

Sa is a parameter widely used to compare the performance of a ramjet

*
prngine wuier different conditions. Substituting for § the expression

in Eq. (63), for M = 1, gives

MASCRELIRY
s, = - 5 (64)
B owg s L2 Vv

Since w = wa(l + y), then from Eq. (64),

. V’T‘Z\/zﬂ_‘l Y
Sa =3 (1 + _V) —g ——Y—__ . (65)

Combining Eqs. (63) and (64),

2
4 = w, 8 1+ Y M (66)
MVv2(1 +7) K

= %, 8 g(M) . (67)

This Mach number function #(M), according to Rudnick (Ref. 5), thus
relates the stream thrust of a jet of Mach number ¥ to the scui:c
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value, w Sl,. at the thru<t {at the aame tetal temperature)., By defi-
riticn, tnevetore,

aoM) = = . (68)

This funciion is also shown plotted in the Appendix.

It mzy be noted that both deceleration of supersoai. [low
through a normal shock and hea. addition to tlow in a combustion
chamber of constant area are cases that illustrate constant stream
thrust. Between Statinas (1) and (2), Eq. (67) gives

v
-e

for constant stagnation temperature, |

W, S, #(M), = % S @), ,

whence

6(!)1 = ﬂ(H)2 ‘ (69)

In flow with heat additi»n, difterent values of Sa must be used corre-
sponding to the appropriate inlet and exit stagnation temperatures.
Using subscript (2) to denote conditions at the combustion chamber en-
trance, and (b) for conditions after combustion, then for y = O and

¥ = 7/5, and using Eq. (65), then for T, in °R, and W, in Lb/sec,

s,
E(H)b = 2.382 -g— th o (70)
a
b

The ratio of the Mach functions is tbus inversely propcertional to
(s /‘/5 ), a parameter which will frequently be reieried to vpelow.
a ¥ty

In practice, the above relationship needs to be moa.fied by the in-
clusion ct a flameholder drag term to enable it to apply to a real




=

Oneeitmens

vl Gas

48

combustion chamber if combustion is stabilized on such a device. The
drag force acts in ~n opposite direction to that of the flow throuugh
the combustion chamber and is hence to be deducted from the inlet
stream thrust when the exit value is being determined:

Such a drag term is generally computed in the form of a coeffici~nt

LD , obtajned as defore by dividing Db by the product o2 the combus-
b

tion chamber area A2 into the combustion chamber inlet stream dynamic
pressure g,:

b
c = = . {71)
D A, q Y 2 *
2 92 A, 5 P, My

This drag coefficient is not strictly constant except for flows at
very low speeds which may be treated as incompressible.

Then

Ay Cp ¥ Py N,
- - b
v, sabﬂ(u)b = 2.382 \/'r_t2 v, 900, - - g (72)

Wa may be expressed in terms of P2, lz, and Tt in order to eliminate
2

it from the preceding equation:

2
P, A, 9, _ ; | Az Cp, ¥ P2 ¥y
- .. gy, - 2.382 9, A, P, BN), - 5 ,
ty
whence
) 2
] ¢, 7 %
[Sa /YT ]g(u)b - 2382 p(M), - 2~ | (73)
b 2 2 92
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Alternatively, using Eq. (72)

iy
C . 1-@ -2 73 (74)
|3,/ ‘ﬁrt,,J 8y, - o
& w
2
This equation for combustor flow cannot be further simplified

unless CD takes on such values 28 0, 1, or 2. 1If CDb = 0, Eq. (70)
b
results. If C, = 1, the numerator of the right hand side of Eq. (74)

b
reduczs to (1 + ¥ xg/z), which is approximately equal to(Pt /Pz), it
2

higher powers of Mg arc neglected, so that

= 1
S /T gM), =~ (75)
[ s, ¥ ‘z] b !(p/pt) 9[2

1f cD = 2, the numerator of the right hand side becomes unity, and
b

[sab/ v?;;] gy, - St (76)

v
2

¥For each of these three cases one may select any two of the parameters
(Sah/ Vth), "b' and lz. in order to solve for the third quantity

directly.

The total pressure after combustion may thus be related to the
inlet total pressure by means of the continuity of either mass flow or
stream thrust. 1t is therefore possible to write an expression for
strean thrust in terms of Mach number and total pressure across the
region of combustion. Since

s e 9

ey

(/B = (1/P) (/R
2 2 2

then for constancy of stream thrust,
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1 i
N ) ! l!‘ 1 0
-1
pooop R (717)
. o 7
y
ty, 1, U }t)
by
T pressure and temperature atter combustion may be ob-

pred odrom Lotal pressure and temperature in oa manner
chat sed to o obtain the value of the flow after a normal
but o cach o quantities are seldom of interest. The fliow after

Pron e completely defined by a knowledge of the parameters of

el

wanber s tatal temperature (or S,‘), and mass flow (or toutul prec-

and the pressure, Mach number, and arca of the exhaust stream

tofrom oo nozsle may be calculated from these parameters as preo-

Py oo ndiented,
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i W0 DI HSIOGHAL SUPERSCHIC WAVE SYSTEMS

v P e et verloe st res e ramfet 1S accompanted hy a
P b Do sand- bt shoek o witve systen, an Jodtested In Fig, 1.
b a o ooy he drsceussed under the heading of cne-dyorn-

co o esamapte, Ttow throupgh the oblique bow wave sct up by
coconea e nrer hody of an actual ramjet diffuscer is a eomplicated
Viroeedimernsaonal o case that is described by a nonlinear diiferential
O Yo, Sulltictent analysis will, however, be presented to 11lus-
trate what s oamplicd by oblique shoek waves and by Prandtl-Meyer
YPansoronm s since some of these are fundamental to the internal acro-
iviaritos ol the vamjet enuline, and to the case of 'external' com-

Pustion s discussed bricetly below,

3.1 Obligque Shock Waves

The simpler case of obligue shoclk waves generated, e.g., by a
wedse 1 o supersonta stream, is here considered to illustrate the
principles involved. As before, the first assumption made is that the
wave s infinitely thin., It is al<o necessary that the wave be

“attached’ 1o the point of change of secticn

Q

? thc boundary and nence
that i1t is plane. This 1is because a rigorous theory for detached flows
does not exist. A conical casc gives rise to curved waves, and this is
also true of a detached wave which results, for example, when the angle
in Fig. 14 iz large at low Mach numbers., 1In general, flow downstieam
of an ooblique wave is supersonic, but it is possible to obtain subsonic

5,

tlow gust before & hecomes large enough to cause detachment.

It is convenient to commence by considering how the flow is
turnced by the anetion of a wedge of angle & projectiing into the stream.

Vi ine lination 8 of the oblicuce wave sot up by a wedpe is greater

BEST AVAILABLE COPY
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than tre ek angls o Figure 3 should be consalted here, since 1o
Piu~tratles 3n ol vur the relationship between the fluid velncaty and

“he prepazat,on velocity ¢f a disturbance.) The propagation velocity

Fig 14 Definition of Velocity Vectors

ocross Two-Dimensiona M,
Oblique Shozk Wave P,
ﬂl
Q

TTTTTTTTT

of a shock wave is greater than ituat uf a Mach wave. The flow vectors
V1 and Vz, representing the flow on entering and leaving thc shock
wave, are shown resolved into normal and tangential components along
the wave. V2 is actually obtained by vectorial addition of a tangen-

tial component V, (- VT ) to the normal velocity VN . The relation
1

2 2

between VN and VN is that for flow passing through a normel shock
1 2

so that VN is suhsonic.  These quantities may also be related by
2

means of the continuity equation normal to the wave front,

T

= = Y (n
P1 VN Pgy vN2 + va“'l + dp) ,

R
1 N

whence

v dp = - Py dv so that dVN - =V de

Nl
Application of the momentum equation parallel to the wave front gives

(py Vg ) Vp

= {py, +dp)(¥V, + dV_ )(V
1 1 1 Nl N T

+ dv,) ,
1 T




Two-DimenLivaal Supessunic Wave Sys:t

o, v v 0 or v V.

7
-

T cnergy cquation for compeessible flow across the shock

< &5 2
v, < ¥, . V,” « V
IR U S Y2 T2, _y T2
2 Y o= 1 y 7 Y REELS)
~implvfies to
A S ST
N S - R B (78)
2 Y - I\p, 1

From the momentum equation, for the normal component of the shock,

2
Py Vy Pa * P2 VN,
S0 that
2 2 1 1 o
le - VN = (P2 Pl)( + @ (79)
Coxzbining Eqs. (75) and (7€), one has
1 y o+ 1 fz -1 Y o+ 1 p2
P, v =175, Py Y-If;+l
X = — or L= . - - (80)
pl ¥ 4 1 _ ﬁg pl Y + 1 + 2
v=17 &) vy -1 F

These are well-known Rankine-lugoniot relations,
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V.. V. Y
Canow M Ty N L9
ARSI V.V Ve Ay
T; 52 Nz 1
v ; v
h Ta
?E‘ T
. »'ll tan 9 - can(® - &) sin 6
! D tan 6 sin O cos(9 - &)
ﬁg _ vy . lan O - irn(® - 5) s3in 6
N, B tan(® - &) cos ® sin(Pf = A}

Introducing the Mach numbers on the two sides of

the wave,

VNl = V1 sin 68 = a, M1 sin 0
and
VNz = V2 sin(B - 6) = a2 M2 sin(® - o)

From the momentum and continuity equations,
. 2 p .
P2 - Pl = VNl(l - ;—) = Fa A

so *that

1)

~~
3
R
~

(83)

(54)




ey pma—

Two-Dimensional SupersOiiic Wave Svs

. Py =Py s DRy s (-1 P

V. S - g N 1
T PR %) '
”y (1 - — |
Pa
St hd

2 (y + 1) P, + (y - 1) P,

YW, ~ )
2 P2

by substitution from Eq. (80).

From Eqs. (83) and (84),

Vne P
2 2 - 1 _ y+1°2 y -1
Ml sin® 0 —az- _2_')’ pT + ——-27 y (85)
1
and
sz P
2 . _ - 2 = y+1.:-1 Y -1 .
M2 sin(® é) —az 3y p-z- + Ty . (86)
2

Standard relationships thus exist between Ml, Mz, 6, 9, (P2/Pl) and
(pz/pl). Some of the most important are skown in Fig. 15, in which it
will be seen that for given values of Ml and 6, iwo solutions ot 0
are possible; experimentally, however, it is observed that only the
lower or weaker wave sclution occurs., Above the line marked 0 = omnx
the suuck wave detaches, Although the constant value of 1.40 has been
used for ¥ in plctting this figure, for Mach numbers higher than
abou' 3 the temperature rise through the shock wave will necessitate
account being taken of variable specific heat. Similar effects occur
in the case of flow through a three-dimensional obliaue shock set up
by a cone facing into a supecrsonic stream. In this case stream prop-
crtles are constant along radii from the vertex, The compression
effect of a cone is weaker than a wedge, however, and the oblique

shock becomes detached at a iower Mach number.




Two-Dimensional Supersonic Wave Systeas

SHOCK WAVE ANGLE, 8 (degrees)
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STRONG SHOCK 8=0°
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(a)

Fig. 15(a)  Variation of Shock Wave Angle with Upstreom Mach Number
for Various Flow Deflection Angles
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Fig. 15(b) Voriotion of Shock Wave Aagle with Upstreom Moch Number
for Various Flow Deflection Angles
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Tec-Dimeastondl Supersonie wave Systems

1O io odoanlerest o al this olane e consider brielly the retlec-
t1on and 1nierscction ol obligue shock waves, igurc 1€(a) shows the
simple casc of ideal reflection of a shock wave at a solid boundary
whereby the downstream flow is turned parallel to the boundary. A
simitar case is shows in Fig. 16(b) for the 1intersection of shock waves
of equal strength. In Fig. 16(c) the effect of the intersection of
shock waves of unequal strength is shown: pressure, temperature, den-
sity and entropy discontinuities occur while the two flow veloecltly
vectors remain parallel. If the wedge angls & is fixed and Ml is de~
creased, a point is reached when it is no longer possible tc deflect
the M2 stream through the angle % parallel to the wall. This case,
shewn in Fig. 16(d), is known as a 'Mach reflection.' A similar sur-
face of dierantinnity i <et ap. The corresponding situation brought
about by the Mach reflection of two shocks of equal streugth is shown
in Fig. 1€(e). The above case, Fig. 16(a), of 'positive’' reflection
at a solid boundary, may be compared to the case of 'negative' reflec-
tion at the free boundary of a jet, as shown in Fig. 19, which is thc

Fra- . .e«ver expansion case dealt with in the next section,.

3.2 Prandtl-Meyer Expansions

In contradistinction to subsonic flow, Supersonic flow may ex-
pand around a sharp corner without loss, and unlike the shock phe-
nomena uescribed above, the expansion wave is an isentropic flow caso,
and can be considercd to be a succession of Mach waves. The two~
dimensional case shown in Fig. 17 /i1l now be referred to. A turning

angle dv is shown.

The equation cf continuity may be written down as for the ob-
lique shock case, giving

av, = -v, & | (87"

o8
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and from the momentum equation applied parallel to the shock front,

L A (88)

as wfore.

From the equation of momentum normal to the wave front,

dP = P, =P = {py Vg ) Vg - (py + dp) (V4 aV (V- dV), (89)
1 1 1 1
whence
ar  _
o7 T " Vn, W
Rl 1
s . 2 _ dp 2 A
Eliminating dV, between Egs. (87) and (89), \N i a“, which em-
vhasizes that this is an isentropic process.
From the Mach triangle,
V2 - V1 = dv = dVN sin g4y,
Vv
N
Lo-1 1 -11
where y, = sin = sin
1 Vl Hi
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Now from the energy equation
& 2 |
] y +1
2 vy -1 2(y - 1) ! |
2
v v
{—%) = y+ 1 0 since Hl - El 0
\a/ Y - 1 +-—2 1
l‘1
T 2
A 1 -
2 27
5 Ml « 5 (90)
(Y+1)-(7-1)Vf
and
2
vy -1 .
dy = 1 av (91)
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Since M) and Vl are related by Eq. {90). Fq. (92) may be transfcrmed

into the foliowing form:

o " Y+ 1 t:m—l(‘/?: -1 Verlz _ \_ tan~! Miz -1 . (93)
N

t

i
A maximum value of & woccurs when M, - o ({(assuming that the flow is
L

st111 gascous), i.c..
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}Ja practice, flow will not expand around a sharp corner to anything

like this value, and boundary layer separation liuits v 1o about 50°.
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3.3 Nozzle Flow and Jet Structiure

The isentrooic equations for variable area duct [flow, togetuer
with the shock wave equations derived above, are alsoc useful for
illustrating various phenomena ocecurripg in novzzles. For example, it

was shown in Eq. (21) that

i.c., the change of pressure with area depends on the Mach number of
the flow. ¥When K < 1, dP has the same sign as dA, but when M > 1, dP
has the oppusiie sign, the change occurring at a throat where M = 1.

A nozzle attached to a reservoir may thus consist of a subsonic por-
tion (convergiuy) and a diverging portion which will run partialiy or
wholly supersonic if the reservoir pressure is sufficient to cause
choking at the throat. As may be secen in the two-dimensional diagram,
Fig. 18, if the pressure P as obtained at the throat during flow is
initially such that (P/Pt) > 0.528, the critical pressure ratio for
air, the nozzle corresponds to a subsonlc venturi, and the pressure
variation follows a line above ABC, The pressure downstream of the
nozzle then corresponds to a certain exit pressure ratio (Pe/Pt).

¥hen the pressure ratio (P/Pt) = 0.528, two flow solutions are theo-
retically possible, the pressure variation lying along either ABC or
ABD, for flow in the diverging portica to be either completely subsonic
or supersonic. Which one is followed depends on the value of the down-
stream pressure ratio (Pe/Pt). and acceleration of the flow beyond the
subsonic condition may only be brought about by reduction of (Pe/Pt)
below the value at C, by varying eitner component of this ratio.

(1¢ PL remains constant, the mass flow through the inroat cannot tken
be increased.)’

It may be noted that the surface in thzs flow at the throat
where M becomes unity is not plane, but is slightly convex down-
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. ; ooty o oanat v saamcunienal flow is oan over-
S mptiticatyon., 't smooth nozzale coatour shown in Fig., 18 1s nnt the
SN possibic arrangenent tor accelerating the flow to supersonic ve-
Locpty, bot ovoa samr de case chosen to gllustrate the various flow con-~
ditirrs, o Suel o aecsles are desioued on the principtye of avoidance of

~Loek losses by successave cancsilstion of compression and expansion
wives . Gid by wood dessga o aearly one-dimensional {iuw can be obtained

At the parallel exit section ol the nozzle suuwn,

For supersonic flow to occur downstream of the sonic throat,
the prossure and Mach pumber reached are now fixed by the expansion
ratio (A A') Since for supersonic flow tc occur throughout the noz-
zle, the exit ratio must correspond tc the point vu; for all values of

Po > P_ > Pp. the solution will be represented by supersonic followed

C D

by subsonic flow in the diverging portion our the nozzle. In the ab-
sence of a econverging section to act as an isentropic diffuser to bring
about this transition, the change must occur nonisentropically through
a shock wave, its position being completely determined by the pressurc
ratio across the shock with the downstream subsonic pressure rise fol-
lowing one of the paths BEFG, in order that Pe = PG, say. .f Pe = PH.
the shoek in its simplest form wiil be a normal shock positioned at

the nuzzle exit. As (Pc/Pt) is reduced further, reccmpression of the
flow will occur through oblique shocks, either by Mach refleciion

(Pe near PH) or simple reflection (Pe near PD). These are rapresented
by the overexpanded cases shown in Figs. 19(a) and 19(b) in somewhat
idealized form. The supersonic core of the whole jet gradually
diminishes in cross section as the subsonic jet houndary extends due

to entrainment of the surroundin, atmosphere. when present. As Pe is
reduced to PD, the externa) shocks become weaker, but never entirely
disappear, even with a parallel jet emerging from the exit when Pe =
Pp- D
Pe will result in the [crmation of expansicn waves at the exit, as

Since P, is fixed by the reservoir pressure, further reduction of

shown in Fig. 19(c). This is the underexpanded case.

So far no mention has been made of viscous effects, but in

actual flow the pressure rise throcugh the shock wave may give rise o
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boundary layer separation on the walls of the nozzle, with resulting
flow downstream as showa in the upper diagram of Fig. 18. As an ex-
ampl.: of this, it may be noted that in the rocket (straight-sided)
type of nozzle referred to below, ceparation of the boundary layer
wilt occur when the nozzle exit pressure is approximately 0.48 of the
ambient pressure, whatever the divergence angle may Le, More compli-
cated shock wave-boundary layer interactinns are also possible but
nced not be considered in detail in this treatment. A typical case
is the bifurcation o: “he shock at the nozzle wall (Mach reflection).




 e———

66

fwo-Dimenstonal Supersoric Wave Sysiomd

o
SONSN

p<p}\;;;;;f§§\‘)Cak§;éZjiA
NN

—— M| M<!

o)
NDED CASES

UNDEREXPANDED CASE

Fig. 19  Two-Dimensional Supersonic Jet Structure

An actual supersonic jet emerging from a nozzle may s.ow con=-
siderable fine structure, but it consists basically of a number of
'cells' represcnting cvclic flow transitions which persist until they
are damped out by viscous interaciion with the surrounding aimosphere.
The jet, after it leaves the nozzle, exhibits successive negative, or
opposite, reflections of shocks or expansion waves as required to turn
the flow at a free (constant pressure) boundary, as shown in Fig. 19.
The successive subsoniz cores behind the Mach reflections in the over-
expandaed case, Fig. 19(a), are gradually energized by turbulent mixing,
so that the surfaccs of discontinuity die out rapidly.

It is convenient to illustrate such phenomena with reference to
two-dimensional nozzlcs and jets, since the flow patterns are thereby
simplified; for example, the jet boundaries are initially straight
lines. 1In the more common axisymmetrical arrangement. these boundaries
beceme curved. Such a cunvergent nozzle nerating under high reservoir
pressure gives rise to a heavily underexpanded type of jet, as shown in




o A1t gl

Two-Lamaprionni SUpersonic wave Sys

the three -dimensional case of Fig. 20, and such a jet becomes subsonic
after one tell. The form taken by the jet under various pressure con-
ditions has been dlscussed by Wilcox et al., (Ref. 6), among others,
All these relations refer, as indicated previously, to equilibrium

flow conditions.

T
I
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Fig. 20 Heavily Underexponded Nozzle Flow Cose

Up to now only completely expanded nozzle profiles have becn
considered, i.e., those in which the flow emerges parallel to the
axis 1f the nozzle is operated under the correct pressure conditions.
Exit nozzles used with many ramjet enginec are customarily constructed
with a conical diverging section, on the pattern of rocket nozzles,
the shortening represcnting a compromise between reduction of weight
and supersonic friction loss on thc one hand, and increased divergence
loss on the other. The most suitable expansion anglc will thus be
somewhat greater than that at which the thrust is a maximum, %his
simplified contour is clearly an advantage if the engine is designed
for a limited 1life. The jet emerging from a cornical nozzlie is differ-
ent from that previovusly considered in that divergence imparts a radial
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component of yelocity to the jet, which will then continue to expand

e i il Thie cwhai whwere recompression gets in.

3.4 "Supersonic" Combustion

in view of tue above, it is of interest to refer briecfly to the
mot1fying effect of heat addition (by burning) to a supersonic strenm
within a nnw»la nr free jet. (This case is of some importance in ad-
vancea ramjet design, since supersonic flow in the diffuser and com-
bustion chamber could be a desirable mode of operati an.) A theoreti-
cal anilysis of such a concept of burning in a supersonic stream in
ramjet engines has been published by Weber and Mackay (Ref. 7). 1t
has beern previously shown that one of the immediate effects of such
heat addition is the reduction of the Mach number, either through a
shock system or otherwise. Three recent demonstrations of combustion
in a supersonic stream are shown in Figs. 21 to 23 (Refs. 8 through 10).

FLAME FRONT.
- MACH DISC

SHOCK “BOTTLE"
JET BOUNDARY

NOZZLE

[\

AR H,

Fig. 21  Strong Standing Detonation Wave “ig. 22 Cembustion in Open Jet fram
{ Two-Dimensional Mach Vndzrexpanded Axisymmetric
Reflecied Shock) Nozzie
{ Token from Rt 2.) { Token hom Ref. 9.)
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Fig 23 Cambination Open~Shutter and Schlieren Flash Pliotograph
of Flame and Azsociuted Shack-Wave Syste .- in $tream
belaw Surface of Wing, Mach Number, 2.47, Angle of Atrack, 2
(Tcke: from Ref. 10.)

In the first of these caccz a Mach-reflected normal shock wave was set
up by inserting wedges in a wind tunnel. The rise of static pressure
and temperature downstream of the normal part of the shock system

igoited the combustible gas mixture (H2 - air) at this poin:t. The on-
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=et ot cembustion was observed to displace the npormal shock upstream
(Fig. 21). In the sccond instance, Fig. 22, a similar situation was
set up downstream of the first Mach disc occurring in an underexpanded
vpen jget, and it was considered ihat the axial distance between the
flame froant and the Mach disc corresponded to that expected fron igni-
tion dclay. Interaction between the combustion region and the wave
system was also observed in some cases, resulting in the wave systenm
rmoving upstream, correspounding to a reduction in Maca number. Netither
ol thesc two cases, however, illustrates true supersonic burning, but
they are considcrcd to represent strong standing detunation waves.

To obtain combustion of a liquid iuel in a supersonic stream
without the formation of ucyswal 3hock waves, it might at first sight
scem dcsirable to injcct the fuel into a supersounic air streom with a
component in the air flow direction equal to that of the air, but this
is clearly out of the question because of the enormous pressures
necessary to effect this, In fact, demonstrations to date have taken
the form of simple injection at right angles to the flow, and Fig. 23
typifies a case of external burning of a liquid fuel beneath a wing
section. Here combustion would appear to be fairly generalized in the
supersonic region downstream of the oblique shock formed at .he point
of injection. These and other studies indicate that this application
of external supersonic burning may be important in ramjet propulsion
at high Mach numbters. A recent report by Woolard (Ref. 11) lisis
further useful refercnces to published work in this field,
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v RAMJET COMPONENT PERFORMANCE

Ihe above gas dynamice considerations npow need to be applied--
with emphasis on component performance--in order to illustrate the
tuncticning of a ramjet as a heat engine. Meution will be made of the
cesign and the detailed functioning of the dififuser, combustor, and
exit nozzle and how these arc affected by flight environmental condi-

tions and the requirements of thrust and power output.

4.1 The Ramjet Thermodynamic Cycle

The ideal thermodynamic operating cycle of the ramjet is shown
in Pv form in Fig. 214. Strictly spealing, such a diagram, which here
represents a continuous flow process, should nut close, although it is
convenientliy represented in this form fcr purpcses of ana’ysis. This
cycle, the Brayton or Joule cycle, consists of four parts, three of
which are associated with the engine proper, while the fourth is assumed
to be completed in the external atmosphere, The first part of the theo-
retical cycle consists of adiabatic compression of air which enters at
high velocity and low pressu-e, as shown by a—=b, deat is then added
wnder conditions of constant pressure P, and constant momentum (P +
pV2 = constant). This operation increases the entropy of the gas, and
there is an increase o” velocity as the gas density is reduced. This
is shown by b—sc¢. The heated gases are then further expanded, trans-
forring a part of the added thermal energy into mechanical energy.
This portion of the cycle is shown by c—=d. This exhaust jet, even
if expanded to the freestream value, emerges with a much higher tem-
perature and velocity tha. the entering air flow. TLz force required
to accelerate the cxpanding exhaust gases thus reacts against the in-
terior surfaces of the ramjet and thereby propels ine engine fo.ward.
In the tinal phasc of the heat engine cycle, assumed to occur in the
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Fig. 24  Thermodynomic Cycle of a Ramjet Engine

frec atmosphere, the hot exhaust gases are cooled by contact with this
relatively infinite reservoir, with consequent increase in density at
constant pressure, as shown by d—e=a,

Since the ramjet engine is a continuous flow device, the func-
tions of compression of the inlet gas, additicn of heat, and expansion
¢f the hot gas need to be performed by separate components; the de-
vices which carry out these functions, the diffuser, combustion chamber,
and exit nozzle, were shown in Fig. 1. The changes in gas state from
Station O {located in the free air stream) to Station 2 are accomplished
by the diffuser and are charactcrizcd by partial conversion of thc

kinetic energy of the gas into pressure energy, usually through
both oblique and normal shocks followed by diffusion in the internal
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I, Yartous josses reduce the proessure obtainable at the cnd of

hifuston, and tre diffuser total pressure recovery, which reflects
e efficiency of the apression process, decreases as the flight
Yach number i incre. . .i, Althouzh on the actual Pv diagram (Fig. 24)
the eompression precess may scem to conform closely to the ideal adiz-
batic case, a Ts diagram would show that the process of shock compres-
~ivn of air 1s attended by some considerable increase of entropy due

to the shock transitions and the diffusion losses mentioned.

Addition of thermal eneryy to the air in the combustion chambcr
hetwoon Stations 2 and b is generally brought about by the oxidatlioun
of a fucl falthough it could equally well be effected by other chemi-
cul reactions or by a physical heat source such as a nuclear reactor).
As previously shown., the addition of heat to a moving air stream in-
creases the velocity of the stream and thereby produces an effect
analogous in some ways to that which occurs wnhen the stream passes
through a shock wave: an increase of entropy together with a fall in
total prcssure, In the representation of the combustion process on
the Ts diagram, if this nctually followed a line of constant pressure,
it could be representcd on such a2 line, as shown in Fig. 12. 1In
practice, tlamchouider drag will contribute to a drop in pressure dur-
ing the combustion process. However, it seems plausible that a
Rayleigih line for constant mass flow would be a faithful reproduction
of the heat ‘ransfer proccss; Fig. 25, which is an amplification of
the previous case, shows Ravlcigh lines for different duct areas which
thus enable thc whole ditfusion process to be represented. Referring

to Fig. 2o, thc thermodwvnamic efficieucy N is thus given by

Heat receivcd - heat rejected
heat received

N, =

areas C - (E + B)
areas C - D
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Since acceleration of the exhaust gases to sonic or supersonic
velocity is a function of the exhaust nozzle, the formation of a ther-
mal throat at the exit to the combustion chamber is avoided. The com-
plete pressurc drop in the nozzice will not be realized, however, owing
to losses due to friction and cnclirg, Tyniral average gas states at
different poiats of tie system are shown in Fig. 26. These diagrams
are reasonably representative for an engine operating at a flight Mach

number ~f about 2.

The functioning of the various engine components will now be
discussed in somewhat greater detail. For convenience, flows will be
discussed with referencc to a system of axes chosen to puve with the
vehicle, i.e,, the engine is assumed to be staliunary wich the gases

in motion.
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( Taken from Zucrow, Aircraft and Missiie Propulsion,
Voi. 1, p. 98.)
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w.2 Tiue D:f{fuser

This is generally tuLc forwardmost component of the ramjet engine

and serve. to convert the high velocity,

low pressure energy of

free air stream into low velocity, high pressure energy to meet

quirements of the downstream combustion chamber,

Since no heat

the
the re-
is
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transferred at tnmis stage, the corpression from 0 tn 2 is adiabatic,
Duc tne tlow 1s not 1sentropic3 because of shock, skin fricti~n, and
other losses duc¢ to turbulence in the flow. Static pressure and static
temperature are also increased between Statione £ and 2 by Cowpawession,
while the velocity 1s reduced, J»low within the diffuser duct from
Stations 1 to 2 may be either partly subsonic and partly supersonic,

or else wholly subsonic, depending on the location of the normal shock
wave attachcd to the center body. If this is upstream of tlte “~let 1,
the diffuser is said to be operating 'subcritically' or 'with spill-
vver. ' whereas if it is downstream of the inlet 1, the diffuser is
said to be operating 'supercritically' or ’with shock swallowed'. If
the normal shock is located at 1, the conliiion is then said to be

that with 'shock on the rim' or 'critical.’ These definitions, 1llus-
trated in Fig, 27, do not imply that the diffuser performance is
satisfactory or otherwise, but merely indicate the relationship be-
tween actual and design operating conditions. Diffuser total pressure
recovery generally tends to a maximum at the critical condition al-
though this is by no means always true.

The diffuser exit Mach number is determined by the combustor
impedance since all the air flowing through the diffuser (except that
diverted to power auxiliaries) continues on into the combustion chamber
at the subsonic speed determined by downstream drag, heat addition,
and exit nozzle throat area. The independent operational) variables
determining diffuser performanc : are thus the fixed values oy free-
stream and exit Mach numbers. These variables, together with that of
the diffuser total pressure recovery ratio, fix the two diffuser-
dependent flow variables, inlet area capture ratio,and inlet drag
force coefficient.

Diffusers which utilize either multiple shock or continuous
(isentropic) supersonic compressiun experience smaller total pressure
losses in decelerating supersonic streams to subsonic velocities than

31t may be noted that it is also possible to mase use of a ceuter body
of gradually increasing curvature ('isentropic diffuser') which doer
not give rise to a strong oblique shock in the air inflow region.
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Fig. 27  Subcritical (@), Critical (b), and Supercritical (¢)
Diffuser Operatian

do those which effect compression by means of a single normal shock.
The superiority of the former type over normal shock inlets is small
in the freestream Mach number region from 1.0 to 1.6, but this superi-
ority increases rapidly thereafter, and makes such diffusers essential
at Mach numbers above 2.0. There are also appreciable total pressure
losses in the diffusion process from a high subsonic Mach number down-
stream of the last diffuser shock down to the low subsonic Mach number
reqi.ired at the combustion chamber inlet. The picture is further com-
plicated by the possibility of the diffuser operating out of alignment
with the oncoming airstream. The presence of yaw or pitch gives rise
to an asymmetric shift o1 tbne shock wave pattern generslly reculting
in a reduction ¢f the total pressure recovery and air capture, particu-
larly it fiow separaticn also occurs. Normal shock diffusers experi-
ence a small (and nearly predictable) loss in mass flow and pressure
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soevidl considerations relating co iustabiiity have heen
b by Pearce (Ref. 12), and the subject is also covered in
et oan TG 370-1 of this series.  Pearce's stabhility cri-
teosdmr iy that the slope of the curve of diffuser pressure re-
Jerss versus o omass Plow s less than the slope of the curve of combus -

ooclaber iniet pressure versus mass flow., If this requirement is

. Y is self-compensnting, since any fall in diffuser air
Phoew ey tsoabout agreater fall 4in the combustion chamber pres-

¢ than that which occurs in the available diffuser pressuvre so that

v tnmedintely comes to a condition of stable equilibrium. On
Stoonimis . surge cannot oceur in a diffuser which provides for in-
chesinn proesnsure recovery with dnereased spillover in the working

D, lceordinply, a safe criterion for stability is that the slope

vl

othe curve of diffuser pressure versus flow at the maximum thrust
cuatnet o point for the engine shall be negative, since the slope of the
Creve of combustor pressure versus rlow is then always positive. ‘The
sy pressure recovery s likely to fall during suberitical opera-
cooes o result of disturbance of the inlet shock pattern arising

Bofraan Laoandapy

v layver separation as 2 result of increased inlet

pressurc, and firom forward motion of the normal shock which divides
e rewtons ot supersanice and subsonic flow. This houndary layer

soparatdion phenomenon can, by changing the boundary layer thickness,
Siter the cffective shape of the tnlet and thus seud to a chonge in

phocik o wave pattern, thereby reducling rocovery., This effect 1s
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Fostox Matian Picture Sequence of Flow Instability at Intake of
1/7-Scale Mode! Ramjet, Showing One-Hal$ Cycle of the Oscillatian

The timing light is floshing af 1,120 second intervals; framing rate
of W80 per secand ot M - 2.72.
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ceners il dependent o thr 10w Reynolds number and can be minimized
nro sveotged by suitabie boundary layer contrel,.  The adverse effect of
the <econd phonomenon, t.e., forward motion of the normal shock, can
~onerally e 2voided hy positioning the obiique shock wave slightly
thead of the diffuser cowir inlet so0 that the normal Suock can he ex-
polled slightly without Jdisturbing the oblique sheck. In this way the
smatl “mount of supercritical spiliover (which occasinng a Blighit ii-
Jrease 1n inlet drag) permits stable operation of 4hc Ziffusea oo 1ts
most efficient point. The engine may be operated with the diftuser at
the critical point, and operation is very likely to be stable in the
presence of low level pressure transients arising irom Se combustion
process for a limited amount of spillover. The measures mentioned
above are appiied to diffusers as required and are not a part of this

discussiun--which presupposes stable diffuscr and combustor operation.

The mass flow passing thrcugh the area AO in the undisturbed
{reestream passes into the diffuser inlet, is decelerated by a combi-
nation of supersonic and subsonic compression, and flows out through
the area Ad' This stream has done no work,; consequently its enthalpy
(considered as the sum of its kinetic, potential, and internal thermal
energies) has net changed, and the stream remains at a cons?ant total

temperature T, throughout the flow. Since the compression of the
0

high velocity, low density inlet flow to a high density, low velocity
state is not perfectly efficient, the entropy will have increased;

this increase is manifest in the reducticn of diffuser exit total pres-
sure to below the freestream total preéssure. The condition of contin-~
uity of the mass flow enable- onc to relate the freestream capture

area A, to the exit area by means of the freestream and exit Mach
numbers. Corresponding to the continuity equation

mo= PoVo Ao = PqVahg

there exists the following relativnship between areas, pressures, Mach
numbers ,and temperatures:




——————

7 P P,
LN W [(p ) 9_’0 T’Tt—— - Ay [(P/Pt) S]d ﬁ_j_ . (94)
0 0
whence
A, = A ptd\.-[(i/_p_‘—)—?]d (95)
0 W\, | /e 8]; '

‘The capture area Ao may now be expressed as a function of the ratios
Yo

A (4 /A
(no/Al) and a1

) - (et

‘% K NPe/ [(p/pt) 9]';

Here A; is the diffuser inlet area, and (AO/AI) is thus the effective
inlet carture area ratio. Tnus, if one ‘ixes the diffuser exit and the
freestream Mach numbers, the air flow capture ratio will be defermined
by the pressure recovery for subsonlc flow within the diffuser. When
the value of (AO/AI) attains its maximum (critical flow) value in Eq.
7968), 1t 18 then no longer possible for the flow to increase further.
If 'd i8 increased for a given lo at constant air flow, the pressure
recovery ratio (Ptd/Pto) at this moment must become a function of My

since it is the only free variable for a fixed value of (AO/AI). Now
the flow within what is normally the subsonic diffuser becomes par-
tially supersonic and experiences a total pressure loss in returning
to :tubsonic flow. unis acded difiuser total prassure loss serves to
render (ptd/pto) variable and consistont with (AO/AI)-.x, and the exit
to inlet diffuser area ratio (A;/A;) will show the same pressure ro-
covery in this region of 'swallowed shock' flow regardless of geomet-
rical design. The inlet drag (force over the Jiff:ser i.let) = needed
as well as the ‘ctal pressure recovery for the performance of a diffuse:




e e o0 Hodh o atantities e andanaaraly acteorzined by experi-
g pentor oy Tves diatusor desorn, although they may be calculated ex-
€ r 1nit flow wholly supersonic, ond approximately for mixed

dpersanle ~auhsonie flow

io Computing the total pressure ro.overy, losses attendaut on
Yhe. pe sage through a shock may rewdity pe calculsted from the stream
M:ich number by supersonic flow 1 eory Subsanic losses are more diffi-
cult to caleviate since flouw propertiee are not simply related to local
i ffuser duct contours. Iplet drag may be calculaied from the magni-
tude « f the area intercevpted by the cowl 1lip if the peripheral stream-
1i te the cowl 1ip i< in the undisturbed free supersonic streauw,
since for this case there are constant momentum and pressure forces
acting within the stream tube and the inlet stream thrust may be com-
puted from the freestrcam flow state:

o
&

. = ir ’ 2 1 Y
" Po Ay +pq A Vg Py A (1 + v My) (absoiute basis). (97)

This may be conwi.ted to coefficient form by dividing by the product
~f tue freestream dyramic pressure A9 and a reference area An:

Al (1 +7v ¥

1

K; —(m)—()———- (absolute basis) y (:78)

C
ty
or. a3 expressed on a gauge basis by subtracting the quotient of

(?, A) and {(q, A ), ard substituting q/P = (1/2) v Mg,

Cw = Z(Al/An) (gauge basis). (99)
i
dlternatively, in terms of weight flow,
o _ " - 5 (o} G
'ty 2.382 yTtO wa G(M)G 2.382 P, Ao W ¢\M)0 Lb
(absolute brsis), (100}
and

m
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0

ZLOBRZ(A A Y oY / fabsolute brwis). i00)
2.482(A A ) T;7FTG 0(¥); ‘falsolute bouis) L0y

The stream thrust of the air entering the diffuser is alicaied if the
di1ffuser inlet spills over and intercepts a stream tube of smaller
cross-section AO than the inlet area Al. In this casa the stireamline
leading up to the cowl lip is nout parallel but is divergent by an
amount that indicates the increase in stream area reodsd to difldsc

the air to the Mach number then existing at the inlet. The inlet force
i5 ikern t%o atream thrust originully associated with the flow in pass-
ing through area AU in its freestream state plus the added force
applicd over the projected area (A1 - Ao), i.e.,

A
o9 +/ P dA . (102)
Ao

The diffusion process between Stations O and 1 may thus be either sub-
sonic or supersonic depending on the manner in which the flow is de-
flected. If this is initiated by a center body protruding iror the
diffuser inlet, the flow deflection may be gentie enovugh for it to re-
main supersonic (or with supercritical spillover), whereas if the de-
flection is such as to correspond to a low subsonic flow Much number
st the diffuser inlet, flow deceleration takes place abruptly through
a normal shock. Equation (102) applies in either instance, but the
ressurc relationship between O and 1 will of course be different in
the two cases.

o

The inlet air flow capture and the inlet drag can be determined
conveniently for the supersonic spillover cone flow case by a method
presented by G. Sears (of the Marquardt Aircraft Corporation) and W. J.
Oriia (c¢f ARO, inc.)®. The diffuser inlet air tlow and the inlet drag

may be ¢*ained by integrating the flow and the force over the conical

4 Unpublishcd paper.
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urface defined by tne vertex of the cone ana the inlet lip of the
(Fig. 29, subtended by this conical sur-

]

cowl., Using the angle w
tace, the freestream Mach unuwber and the cone angle, and making use of

T
A
[

COWL ENTERING
o  STREAMLINE
2
e
= .
- I
/2]

Fig. 29  Supercritical Spillover and Additive Drog

Zdenek's cone flow tables (Ref. 13), onc may obtain the flow Mach num-
krer Hr and the flow angle © at this surface. Ore may =180 determine

the total pressure ratio (Pt /Pt ) across the shock. Since flow prop-
T
erties xre constant along the conical surfaces referired to, one may
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simply oultiniv the total surisre arca by tus normal component of the
flow to obtain the mass [low. The momentum component of the inlet
drag force is similarly ottained by multiplying the momentum per unit
arca of the incoming stream (which passes through the conical surface)
by the surface area and the cosine cf the angle between their respec-
tive directions, ~»nd then proiecting this force in the direction of
che diffuser axis. 1he total inlet drag force on an absolute basis
consists of this force plus the product of the inlet ~roa into the
static pressure at the conical reierence surface. The resulting
equations are:

P, [(p/pt) &]

v A L ~ L(cos 0)(1 - 208 | (103)
Vﬁa tan w
and
/P, [
P 2 2 tan O
D, = A, P p—-’” 1 + . M%(cos” @)(1 - 22D 5|, (104)
l ! to( to (rt-/rl. r tEnfu

The equation for the inlet air flow may be equated to the correspond-
ing relation in the undisturbed flow to obtain the value for (AO/AI),
namely,

P\ [rpy) ] o

A /A, = r (cos 8) (1 - . (105)
V! i’_t;) |(p/pt) 8] tan w
0

Equation (104) may be expressed as an inlet force coefficient on an
ahsnlute basis:

c !
Di An 99
= - 1 + Y¥ (cos“9)(1l = — 106
y uoz Tp;!t’o\"to r tan w |

(absolute basis).
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On o gauge basys,

’ l@
c i EﬁflfA”) f(P/Pt)r tr\ [; . v ulinon? 0)(1 - tan 0}_ - 1]
Dy vn02 [ tort—O/I r tan w J
(gauge basisz). (107)

The force exerted by the air stream upon the diffuser inlet may be
1noke ! ynnn as the total momentum (stream thrust) originally possessed
by the freestream plus the forces exerted upon it by the surrounding
air stream beiween Stations O and 1. Looked at in this fashion, the
inlet drag ~onsists of two terms, one of which is due to the initial
momentum of the captured air, the other being the additive drag term;
this latter reflects the draug caused by the increase in the momentum
of the gas tetween its free state at Station O and its captured state
at Station 1. This is due to the force exerted along the streamline
from 0 to 1. The additive drag tor the case of conical flow with
supercritical spillover is obtained by subtracting 2(qO Ao)/(q0 An)
from the right-hand side of Eq. (107), yielding

(P/P.)
2(A1/An) t t

A
cp i o= {nyuf(coszo)(l--‘il‘l -1} -212.
add 4 Mo t 0 t0 tan v n

(108)

Figures 30 through 35 present solutions of Eqs. (105) and (108) for
cone half-angles of 20°, 250, and 30°, and oblique shocke=on-rim Mach
numbers of about 1.9 through 3.0, for freestream Mach numbers ranging
from low values (corresponding to sonic velocity onhthe cone surface)

up to 3.0. Data are plotted in terms of (CD )/(Ig)' so that the
add n
drag is referred to the inlet area rather than to an arbitrary engine

area.

The calculation nf air flow capture and additive drag or an in-
let force coefficient is much more compllcated for mixed supersonic

86




Kamjct Component Performance
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o
w

(2]
w

o
-~

0%

.
\

Mach Number for Obligu? Sheck an Rim
vt i nt 2%ttt a0

=
==

=

N\
\\
A\

HARMRNRRNNAN
\\
N\

b, 4
L~
L~
/
) '8 (X} 20 2.2 28 28 3.0
traesireom Moch Number, My
Fig. 30  Inlet Copture Area Rotio (Ag, Ay ) for Supercritical Spillover,
20 Cone
Moch Number For Oblique Shock On Rim
‘0 - 1’5 1? 2® n‘,‘ IQ’ o‘, K3

A\

AV VN
i

\

22
%

NN

\
\

=
=

NN
NN

AN

i
|

AR

8 20 22 24 28 28 30
Fresstream Moch Num'yer kg

Fig. 31 Inlet Captuie Areo Rotio (Ay/A,) for Supercriticol Spillaver,

25° Cone

87



Raw. et Compe .ent Performance

Mach Number For Obliqus Shock On Rim
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Fig. 32 Inlet Copture Area Ratia (Ag/Ay) for Supercriticol Spillover,
30° Cane
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and subsonic inlet flow., Approxisate mathods which are applicuble to
conical diffusers are presentcd iun Ref. 14, In computing inlet addi~

2]

ive drag for other cases. 1l is necessaly tC use an approximatas velue

e d

0 tbe staiic pressure along streamlines between ¢ to 1 and then to
integrate this between corresponding areas. It is clear thai .if the
frecestream capture area AO is equal to the inlet area Al’ the additive

drag will be zero, and the inlet force coefficient meav be comprtad
simply from Al’ An and the freestream Mach number. Data secured in
experimental tests on a Ferri-type 25° half~angle conical diffuser are
shown in Figs. 36, 37 and 38 as examplcs of typical djffuser operation.
Figure 36 re¢sents the relation beotwcca diffuser capture area ratio
and tota. ,..scSure recovery. The inlet force coefficient (on & gauge
basis) is presented ir Fig. 37 and a correlation of exit Mach number
Md with air flow capture is shown in Fig. 38. The inlet behavior can
be evaluated at a fixed combustor heat release by matching values of
ud at the diffuser exit and at the combustion chamber inlet, and then
reading off the air flow capture ratio from Fig. 38 at the desired
flight Mach number. These values of air flow capture and flight Mach
number may then be inserted in Fig. 37 to obtain the diffuser inlet
force coefficient. The latter can then be used together with an exit
coefficient obtained frcm combustor performance curves ‘o determine
the engine net thrust coefficient. Similar curves apply to more com-
plex diffusers, Dearing in mind that pcrformance is thern more sensi-~
tive to air flow capture ratio and freestream Mach number.

The use of such graphical correlations has an advantage over
point-by-point algebraic calculation of performance if the diffusers
are to be operated over a wide range of flight Mach numbers and air
flow capture ratios. If the engine is to be cperated at only one con-
dition of flight Mach number and capture ratio, the algebraic calcula~
tion of inlet behavior will probably be more convenient than the for-
WOr procedure,
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4.3 The Combustor

A useful understanding of the combustion of fuel-air mixtures
in a ramjet engine may be gained by breaking down the tiow processes
into the follouwing steps:

1. The compressed air flow enters the combustion chamber from
the diffuser at subsonic speed at a total temperature equal
to the freestream value and at a rate of flow equal to that
at the diffuser inlet less that diverted to power auxiliaries.

2. Fuel is added to the air stream, atomized, mixed with the
air, and in part evaporated.

3. The st -ear velocity is further decreased to the low value
suitable for the efficient combustion of the mixture.

4. The mixiure is pussed through a flame stabilization device
to initiate combustion.
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2. The mivture is burned in a cylindrical combustiun chamber

acrompaniea oy the following phenomena:

2., Transformation of the chemical enthalpy of the fuel
into thermal enthalpy of the gas, as marked by a
rise .n total tcmperature {(or increase of Sa);

b. Reduction in gas density caused by the increase of
temperature, with accompanying acceleration of the

flow: arnd

¢. Reduction iu total pressure of the hot gas as a result
of sudden acceleration on being heated.

6. The hot burned gas is passed into an exit nozzle to trans-
form its thermal and pressure energy into kinetic energy,
thereby developing thrust by jet reaction.

The processes listed under Steps 1, 2, 3, 4, 5b and 5c ahove
are amenable to solution by the gus dynamic equations, provided the
flow can bLe treated as one-dimensional. The amount of heat addition
in Step 5a is a quantity which depends on the chemical reaction rate
of fuel and air at the particular flow conditicn. It is convenient
to compute the effect of the change from chemical to thermal enthalpy
in terms of the tcimperature function (Sa/yfT;), since this latter ex-
pression includes such parameters of state as ¥, R, and Tt'

Once the conbustor flow conditions and the amount of heat re-
lease are set, ~.nsideration can be given to deterwmining the space
required to accomplish this heat release. Flow velocities in the
comb' stor are within the range of one to sev.ral hurdred feet per
second, whereas normal flame velocities of the commoner fuels are only
a few feet per second. so that it is not possible to effect significantly
complete combustion of the fuel-air mixture by means of a flaw~ spread-
ing from a single point source within the length of a practical com-
bustion caamber. An ignitor is th:refore provided to initiate the com-
bustion of the mixture at a rufficient number of points so that by
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30 I . Cotesc peonts the tlame Can cousume the whose of the

w BT “Laerr s patm wee e = tieam, Thieougunl veronces here
8% o f e 1t o cvvenlovesroged ovid o into the fuel-air stream to
prosiu Gt o aeiaa sty tiew aake in o which o flam? can stabilize as a
32q  aagf fotrcen ity L et enited by recirculating combustion pro-
mets. 1l s possible to stabilize a flame aevodvnamically » the use
ot opposta. 2as ot~ but this procedure has nol yvei been used in full

~cale engine=.Y  Such a stabalized flame ignites the combustible gases
tlowirg crvound the baffle cnd rapidly effects combustion by vireue of
the large value of the ratio of ignited str<rn perimeicer to unbuined
{low area, in o manner analogous to that of a Mekor burner. In a com-

ot insufficient length. the flame cannot thus ccecasume

Lustion chaa
all the mixture within the contines o, the chamber and combustion will
accordingly b ancomplete, A second type of flame stabilizer commonly
used. the c¢an combustor, concists of a perforated tubular-shaped struc-
ture closed at the upsiream vid {u provide a quiescent piloting region.
The combustibles are ignited stagewise through the perforated holes,

A correlatic.. of sore nf the parameters affecting can combustor design
has been made by Zelinski (Ref. 15). Since combustion chamter flow is
cverywhere subsonic, conditions downsireum at the nozzle entrance may
be propagated upstreuin to the ¢iffuser after being modified by heat
addition and drag. Combustion and flow phenomena are thus coupled,

and under some circumstances such a system can become unstable, lead-
ing to burning under conditions of violent pressure and flow oscilla-
tion. One result of this interrclation is that the combustor inlet
flow Mach number is dependent upon combustion efficiency and vice
versa. For purposes of analysis, however, ihis coupling effect may

be ignored, und analyses performed merely on the basis of an assumed
enthalpy change 1in the combustion chamber; this enthalpy value may be
estimated by considering the combustion of as much fuel as is required
at a given combustion efficiency to obtain the required heat release.
Tomhustion efficiency is thus introduccd into engine performance cal-
culations after the gas dynamic force balances ucrouss the engire have

been completed.,

Calculation of the flow conditions between the exit and the in-

let of the combustion chamber now proceeds as outlined in Section 2.,
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Combustion f- nsealtv token to o oceur af congtant mass flow and cruss-
seeticnal areo . in wiGer (o permit of the initial and final stream
Tates B, Y4y o0 latoee un the basis ot energy change at constant

stream thrust. The energy change is described in terms of the in-
crease of Sa from an 4nitial value related to the inlet total tempera-
ture to a final value corresponding to the required heat release,

By Eq. (67) the burned gas stream thrust is

Wh = W, 8 ﬂ(l)b, (109)

the subceript (o) now being dropped.

P, A, 82
But R
Vth
whence
. = P, A, W % B (M) (110)
h 2 "2 V2 VT b
"%t
2

The exit strcam thrust of a pnarallel-walled combustion chamber
must equal the inlet stream thrust less the combustor drag, since wall
forces (except frictinn) have no component in the direction of flow.
The inlet stream thrust and the drag may be written respectively as

€, - 2
f2 Py A1 + 7 M) (111)
and
y M2
D, = P, A, cDb—-f— (112)
whence
fo = T - Dy
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or

NN

<y

S -2) 7 M
b
2 M), P Ay 92 - P, A, '- =

o v Pa (113)

3 .
T
V‘z

Cullecting together the functions involving lz, and eliminating common
terms, one has

a
- - go), . (114)
Vg VTt2 b

Unfortunately it is not possible to sclve this latter relation explic-
itly for eiiher l2 or Ib, even for a fixed value of ihe drag, &0 thar
it is generally necessary to fix Ib at a value corrosponding to the

M; in succession to find corresponding values o: -!/VTt ) for a
2

fixed geometry, variable flow engine. Otherwise !d may bc fixed and
varicus successive values of "b chosen so that correspondiry values o2

(Sa/'VTkz) may he found for a fixed flow, variable geometry engine.

In the case of a practical engine, it is more convenient to determine
the relation between (Sa/ VTt ), M, and M, by experiment. At first
2

sigkt it may appear .nat the correlation between uy, 'b' and (Sa/\/Tt
2

is a variable one by virtue o!f! the change of CD with operating condi-
b
tions. In many practical cases CD will indeed be found to alter, but
b

this change can be expressed as a function of '2’ from which it may be
seen that the left-hand side of Eq. (114) will still be solely a func=-
tion of "2' whereas the right-hand side will remain a function of
(Sa/VTt ) and Ib--wb'ﬂh are already fixed by tbe ongine exit nozzle

geometry? Thus even where CD is variable, and Eq. (114) is incapable
b
of being solved explicitly, a unique experimental relation may be

established between (sa/ VTt ) and "2 for a given exit nozzle size.
2
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If this relation is plotted, values may be taken from the curve for
vee in subseguent calcviations, and the curve may also be adjusted for
use with other sizes cof cxit nozzles. As the product of (Sn/y“f:_)

2

and ﬂ(u)b appears on the right-hand side of Eq. (114), a new value of
(Sa,/;/'i‘t Y may ne found such that th» new Q(!)b. corresponding to the
?

new nozzle size times the ncw (S / yTt'), equals the old product of
2
A
(Sa/ Vth) and Q(l.b, and therefore correspcnds to the same !2. in
this manner one may form a new correlation between values of (8‘/ VTt )
2

and l2 for a different exit nozzle area., Within the limits of experi-
mental error, data currently available support such correlations.

The relations lisied immediately abov have now defined condi-
tions upstream of the exit from Step 6 back tc Step 4 (see page 93),
but the flow at the entrance to the combustor 3till needs to be related
to that at the diffuser exit, with some attention paid to the effect of
fuel addition. If the latter is ignored, one may equate the flow at
Station u to that of Station 2 on a basis corresponding to continuity
at the same total temperature:

ol ’ 0
A, ptzkp/pt)wjz- Ay ptd[(p/pt)w]d ) (115)

"d may be related to M, as soon as values are assigned to A2 and Ad,
«nd the relation of ptz to ptd known. This ratio, (Ptz/Ptd), expresses
the subsonic diffuser efficiency in the form of the total pressure re-
covery from Stations d to 2. IY{ ruel is added either contra-stream or
co-stream at less than stream velocity, the stream total pressure will
be recduced slightly, as the force needed to accelerate the fuel must

be balanced by a pressure aradient set up in the air stream. (The
magnitude of this total pressure loss is small, amounting to only 0.7
per cent for a volatile fuel injected cross-stream -t a fuel to .ir
ratio of 0.06 into an air stream whose Mach number is 0.4.)




#hoa the M, versus M courrelation is cos’ acd with that of M

4 2
versus Moand the temperature parameter (8, y?t ), a single vrelation
i )

-
- deVYnas mamAiddnnmr and
x pry Lo+ IS =

[N
v PRy ey ~ -5

will ~hen exist between fie Lombuaiion Chim

the ex1t corditions in terms of (Sa/ yTt ). 1f required, the total
2

pressure ratio across 1ae combus iur, (Pt }Pt )}, wary be obtaireyu from
b d

¢ ). The exit stream thrust ﬁb may also be ex-

o

P

M. M. oand (54T )
pressed either 'n terms of total pressure, a Mach auamber funciiin

(ffPt%“ and area, or as a prcduct of mass “iow, air specific impulse,

and the Yach nuwber function $(M). The air flow is in turn expressible
in terms of inlet total pressure, inlet total temperature, inlet area,
aod the Mach number function [(P/Pt)gl, thus:

A Dtb(f/yt)b = ptd(sa/ Vth) kp/Pt) S]d Ay Q) (116)
whence
g E(H)b ) —
(Ptb/Ptd) = (A/A) &P/Pt) ] 117527*(53; Vth) . (117)
d b
Since

*
®, /ptd) = Esa/ V&tz)(Ad/Ab) kp/Pt) Q}d(A/A )b]/(l.zsa).

4
(118)

Values of (Pt /Pt ) may be plotted as parametric coantours on curves of
d

o =~ s |
the earlier “d’ (Sa/ Vth) and Hb relations if che value oi = is kept

fixed.
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Figures 39 through 41 show the characteristic curves of sore
typical can-type conbustors. In Fig. 39, "d is plotted against
(8‘/ }/'l_'_t_) ﬂ(l)b; here M, varics over a considerable range (0.48 ta »
mean valfe of about 0.7), corresponding to a change of (s,/ Yﬁ:;} from

7]

about 3.8 to 5.5, and of ﬂ(l)b from 1.269 to 1.347. These data are ob~-
served to correlate onto what is nearly a single curve, even though the
nozzle throat area has been changed from 65 to 70 per cent of the com-
bustion chamber area corresponding to the above change of (M), the
combustion chamber temperature level has been more than doubled, and
the engine pressure level has been varied by a factor of nearly ten.
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Fig. 39  Correlation of Combustor Inlet and Exit Mach Number for Coan Combustor
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The accuracy ot this correlation shows how well one~dimensionsl theory
may be snplied to describe the phenomena. For some purposes it is wmore
convenient (¢ set down the data so that the diffuser Mach number is
plotted against the temperature parameter (S, / VT;;). with nozzle area

fixed, it 13 also possible to cross-plot values of the total piessure
ratio across the ~cmhustor along lines of equivalent combustor drag.
Figures 40 and 41 illustrate the behavior of the combustor, again with
nozzle area ratios of 65 and 70 per cent. The smaller exit nozzle will
be observed to be associatea with lower dilluser =xit Mach numbers for
a given value of the temperature parameter, together with a lower total
pressure loss during combustion. The total pressure losses indicated
in these figures are made up of the following:

1. Friction and turbulence losses during subsonic diffusion
between the plane where the combustion chamber joins the
diffuser and that representing the full combustion chamber

area,

2. Friction and drag losses caused by the presence of fiame-
holders and fuel injectors, and

3. Momentumn losses caused by heat addition.

In the cases illustrated, ahout 9 per cent of the available total pres-
sure 1s considered to have been lost as a result of heat addition, and
2 or 3 per cent becausc of subsonic diffusion, the rest (about 12 per
cent) resulting from flameholder drag. Combustion system total pres-
sure losses are generally lower ii the air stream is first diffuscd to
a low Mach number and use i3 then made of a baffle combustor of low
drag. The experimental correlation of diffuser exit Mach numbers and
temperature parameters for a baffle combustor of average drag, with a
nozzle area ratio of 70 per cent, indicates a minimum total pressure
loss of only about 18 per cent, instead of the 20 per cent minimum for
the earlier can burner results, with a burner drag corresponding to be-
tween 6 and 7 velocity heads, instead of to bectween £ and 10, This
lower pressure loss is of great significance in engines required to
operate at low flight Mach numbers (subsonic values to about 1.7). sad

[
<)
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of lesser ¢ -enificance up to a Mach numoer of ahont 2 5, At higher
flight Mach numbers aerodynamic total pressure losses of 25 to 50 per
cent in the diffuser so far exceed those in the combustor tbat only a
minor improvement in performance is obtained by reducing the burner
drag.

Consideration of combustor operation is here limited to the
aspects affecting over-uil vugiue design, as combustor operation is
more fully covered in TG 370-9 and 10. Theoretical thermochemically-
predicted combustiiun total temperatures and values of sa are shown in
Figs. 42 and 43. In the first figure, the effect of dissociation
(which has nct been taken into account) will be to bring about a smooth
transition between thc portions of the curves on either side of the
stoichiometric fuel-to~air ratio. The only further aspect of combus~
tion to be covered here is the utilization of either the results of a
given test or of theoretical data on combustor operation in the pre-
diction of over-all engine performance. Combustion performance enters
into over-all calculutions in two ways, (a) by setting the fuel flow
needed tu cffecl a desired value of combustion temperature as defined
by Sa, and (b) by limiting the maximum temperature ratio obtainable
from a power plant through a limited total heat release. The first
limitation affects the efficiency at less than maximum engine power
output: tbe second is equivalent to limiting the maximum available
power (thruct), whatever the fuel consumption. Botb theory and experi-
ment show the combustion behavior to be a function of flow velocity,
inlet temperature, combustion pressure, and equivalence ratio for a
given fuel. This behavior varies for fuels of different types, but
is relatively insensitive to minor variations within a given type.

The paraffin hydrocarbons from propane through decazne exhibit 2 very
sirilar behavior for equivalent mixture staies. It ls possible by
means ¢f either the theory outlined in TG 370-9 and 10 or experiment
to obtain a correlation between ccmbustion beat release (as expressed
in terms of a combustiuu specific impulse) and eauivalence ratios for
various inlet temperatures, velocities, and pressures. The flow ve-
locity or Mach number has been shown to be dependent on both tbe area
ratio between the combustion chamber and the exit nczzle, and on the

10
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ratio of Tipal and anitial gas temperature (or Sa) states. One can
therctere oliminatec wne niat fiow velocity 5< a val lable for an engine
using a fixed arel exit nouczle, because this velocity has a particular
value for cach operatiug puint and only this value need be considered.
The pressure wnd temperaturc of the utream of given velocity are
uaniquely acterminea by the quantities of mass flow and total tempera-
ture which are more easily observed and controlled. The final (and
most convenient) correlations are then effected; these ar¢ based on a
fixed combustion chamber exit area, 2nd relate combustion efficiency to
equivalence ratio at a fixc value of total temperature, It is possi-
ble to draw auxiliary scales superimposed on such a plot in order to
relate (s / VT::)to n. and equivalence ratic . Calculated or experi-

mental data are then plotted in terms of engine air tlow, Pressure
appears in the mass flow parameter, and the effect of temperature is
shown by a compariscn of separate figures plotted for various appro-
priate values of total temperature.

Figures 44 through 46 show such experimental test data for a
piloted can-type burner operated at inlet total temperatures of 1500,
300° and 450°F respectively, for a wide range of air flow conditions.
The required values of (8, / VT:;), engine air flow, and total tempera-

ture can be entered in these curves, interpolating where necessary to
determine the equivalence ratio needed to produce the required combus-
tion temperature (mcasured as Sa). Total fuel flow is computed from
the product of air flow into equivalence ratio and from the stoichio-
metric fuel-to-air ratio. In cases where either test or theoretical
data are lacking for the purpose of correlating the equivalence ratin
with an actual operatirg condition, a reasonable approximation iv
likely performance may be secured by selecting the equivalence ratio
required tor complete combustion, snd then increasing the fuei flow by
dividing by a combustion efficiency based upon similar engines operated
under comparable conditions. To do this it is cecessary tc employ the
iheoretical curve relating Sa to equivalence ratio, as presented in
Fig. 43,using a value of sa determined from the required engine

value of (Sa/ yi:;) and inlet total temperature, to obtain an equiva-
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5A recent survey paper by Dugger (Ref. 16) summarizes many of the com~
bustion problems ot present-day ramjet engines,
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ol The Exit sozzle

o ex1t nozzle s penerally of the de Laval type, although at
time= only (he convergont part ot the nozzle need be usved i the exit
flow Mach number is only required toe be sonic or subsonic. Tt is
essentiatiy a matehiay device fitted to the discharge ernd of the com-
bustion chamber and serves to choke the latter by bLuildipg up p.essure
to mateh the availoble diffuaser pressure at the flow conditions of cap-
tured air flow and engine exit temperature., The divergent side of the
noszle erves to expand ti~ combustion gasces to a supersonic velocity
and correspondingly low temperature and pressure, and under such con-
ditiors the output of tne combustor is independent of downstream at-
mospheric conditions. In the limiting casc, the throat area of the
ox1t nozzle may approach that ot the combustioi. chamber; such an
arranger a1t is known as "straight-tailed" or "unconstricted." (This
could co,respond to ihe sctting up of a thermal thrcat.) Flow through
the nozzle is nearly isentropic if it is uncooled. For one-dimensional
‘low the inlet and exit Mach numbers are simply determined by the fol-

Towing Mach number reilationships:

J

A A+ ———2—  (subsonic portion), (119)
¢ o ,
and
A/ A, ——fl;—— (supersonic portion). (170)
. (A787)

4 yalue has already been assigned to Mb and thus to ﬂ(M)b (Eq.(114)] ,
and this value of M. . when used in Eq. (11v), will define the aren ratio

vl the converging section of (he exit nozzle,

11¢




tanmjet Component Performance

tL T e catvon ot the cvercsponded and underexpanded
K THow pieit oasdyorelovrs 0 o thus 13es in a combinavion
g et b et addstion within the ramjet (which affects
Sopreasateo v renrs ot tne extt o nogzzie) and flight altitude (which
o R 3 40 seov ol opaesnure) . Xozale shapes for parallel ise- -

U cpie b rowm may oo computec by ovariouas methods, iuceluding the "method

Gocharactor,-taes" . The resulting dosigns aftord theoretical (ideal)

vilues of exit o tarust, apart from the momentum l1uss aut vo skin iric-
. tion, whivh 1= epprosimately 1 per cent of the ‘otali, but the minimum
lenath of sach (o ideal nozzle tends to come out cxcessive in terms of
available space.  Since an ddeal divergent design is therefore ionger
than 1% cenernlly acceptable, the subsonic convergence is often made
move rapid thar the ideal This may cause a separation oi flow at the
throat, leadins to a reduced covaficient of discharge with soauniiorm
flouw in the wuapersonic section. If there were no necd for further ex-
pansion, a sonic jet would be perfectly cfficient, but this is modi-
ti1ecd by supersonic expansion and may be less efricient than the ideal
becanse of nonuniformity of the f1tering flow. Figure 47 illustrates
the thcoreticul reductlon of ettriciency wiiich cccurs when a family of
supersonic iscntropic nozzles are shortened to less than the lengtas

reguired teo preoduce parailel flow at the exit.

Since exit nozzles do not in practice give rise tu isentropic
one~-dimensional flow, the coefficient of discharge~--which depends to
a considerablec extent on the inlet geometry-~is always less than unity,
so that the realizable exit thrust will be below the theoretical value,
The principal loss arises from the existence of a radial component in
the exit velocity, smalier losses occurring as » result of nonuniformity
of tae exit velocity and as an ctfect of skin friction., This drop of
actual exit jet thrust bclow the theoretical value is manifest in a
drop of the static pressurc acting on the diverging nozzle area. The
etiectiveness of a nozzle may thus be detcrmined by ~:ither a direct
experimental measurcment of the thrust or of the pressure distribution,
wr by a calculation of the internal fiow field, either within the noz-

sle or acrosse the exlt jet Figures 48 and 4% 1lllustratec the effect
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on actual nn»zle thrust efficiency of shortening the nozzle and vary-

ing the divergeunce angle.
noz:.les will be found in TG 370-13.

Further data on the 2fficiency of practical

The magnitude of the expansion area ratio (Ac/Ae) to yield maxi-
mum thrust thus involves *+he use of an optimum expansion angle whic

enables a compromise to be struck between excesiive friction and ex-

cessive expansion losses.

In an over-all force baiance, the gross

forward engine thrust will be made up of the rate of flow of momentum

113
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throuch  he extt oszie throat together with the [orward acting com-
nenent ol the wall gauge pressure summed over the expanding area of
the exit nozzle. This latter force attuins « maximum when the expan-
sion nozzle area is extended until the gauge pressure acting on the
audded area seduces to zero. External drag considerations, however,
mudify the optimum size of the exit nozzle since, for example, a gain
of thrust at the expense of an equal increase of drag obviously pro-
vides no net improvement. The external drag wil)l he a winimm {2 the
nozzle exit avea is the same as the combustion chamber, thereby avoid-
ins the setting up of base or wave drag. In this case, (Ae/Ac) =
(Ab/AC). It is impossible tu satisfy this requirement for all nnssi-
ble flizht altitudes, unless a variable geometry nozzie is employed,
s0 thot expansion to an arbitrary area different from Ab results in
the exit static pressure differing in general from the ambient pres-
sure. The simplest type of variable geometry design is an inverted
nozzle, having a movable ceuter bouy,; sucih a design is associated with
difficultics in the way both of cooling and of rigidity. If an ex-
pansion to ambient pressure is required, the exit total pressure must
first be obtained bv following the tutal pressure change through the
diffuser and the combustcr; the ratio of the exit static to the total
pressurc thon determines the exit Mach number, which in tura fixes the
expansion ratio from nozzle throat to exit:

(p/P.) = (P,/P_ ) ,
the (VM 8

and

!I

‘*
(a/A) = @/ah, .

The thrust cf the exit jet may then bEC Lemputea 1ow either Eq.
(3%) or Eq. (67), as given in Section 2, usirg Eq. (59) for expansion
to the ambieat static pressure, and Eq. (67) for expansion to the full

area value,
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“ ~ o 2\ .
. 'A'e r,:,‘I + ¥ M(,l . (131)
o
3 . B o el - .
" WS, 0, Py Ag wU(sa/mtO) am . (i22)

Tiese thrust values are expressed on an absolute basis. If they
seovequirved on a gauge basis, o force (Ae PO), equal to the product of
.v aubicnt static pressure in:o the exit area, must be deducted from
U v rigat nand side. Engine net thrust on a gauge basis may be found

coa it Jitfervence of the exit ond inlet forces.

The additional loss of engine thrust arising from nonone-dimen=
.onniity of thermal ener.y (total temperature) in the exit stream has
cva discussed by Bader (Ref., 19). There are likely to be regiuns of

»rving fuel-air 1atio or combustion efficiency in the burnt gas stream
lowing irom the combusici, A stream which has burned at a leaner than
arveage fuel-air mixture or wuich has less than average combustioan £~
Jsvaencey wiil thus bave a lower value of Sd or of total temperature,
Samrlaviy, regions of yreater heat relewse will have a higher S3 or
.olal temperature,  An approsimate calculatiorn of this effect may be
code Ly conssdering a set of cowcentris streams differing stepwise
crewm ovach other in respect of total temperatur~ or of Sa' The loss of
Lurust may easily be demonstrated gualitatively for the case when the
viit jet is considered teo ceasist of a hot and a cold stream both at
ciiv same Mach number as the inlet flow, The exit gauge thrust caused
Ly the cold gas will be equal to or less than its inlet thrust and it
111l make no net contribution to engine thrust cother than drag (corre=-
sponding to diffuser losses and burner drag). Tre engine wiil then
operate with less than the optimum air flow and at a aigher equiva-
lence ratio and will accordingly be less efficie~t. The over=-all fuel

srecific impulse of the ergine will approximate, but will be lower thau,
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FEREIE. O I I ¢ o this aea o) nonone=damensionality
! g it s Du-stor, 1t e o samplest to Leyeat it as a reduction
G st o Lemperature Pras rot ol ooy o o e vdorm cteegn o
0 o ° of ¢ tat e pressarc dand Mach nunber may be determined by fanding

WU b e contrabut oo o8 the stream tubes of constant local

toral tomperature, whice ogquals tie product of the average total tem-

Peratut *‘ ped b neac copacity of the total flow:
N\ Y . w A% 0
1 Foy II f 'I'tumi Cy. *
i i 1 1 i
wiienes
-
o T m
= i \pi t] .
T, ——— o (123)
1 LU
Loy
i pi

The ism floa ..‘,1 i oupnit time miy be cxpressed ipn terms of Mach number,

stittic pressure., and total temperature as follows:

A, p Y
. 1
'.’lA - - - '
o VT
v tl
RIRS {‘l"l
. J—
N cp1 Ai V'tl
', S . T ¢ T-1))
e A.QL/VT, )
i P! 4

The thrust of the arr stream may be obtained by summing the thrust

contributions oi the stream tubes:

a & ‘3 . - o € 9
F SaiMy ; \hi = mi(.:")i ((J(M)C
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hut (Sa yiz) is a function nmade up larfely of gas constants since

?

]

V'z(y + 1R -'rt_(1 + y)

a bd g

tuerefore

1 +y v [ﬁ(y + 1) R]
SA( )
1 1 B 7y Y 1

a

z Ai(l/ th )
i i

This expression may be simplified 1if ¥, cp, R, and y are considered

constant:
1 +y 2(y + 1) B
g_Ae(&)V -

a N
E A (Y thil

. (123)

If Eq. (124) is divided by VT,, there tollows

|f‘—?
f Ai Tt /"t
V’[‘t - 4V 1 -
- -

71-‘A1(1, VTH)

I1f this latter equation is now divided intu Eq. (125), there results
the ratio of the actual thrust to that produced by a one-dimensionail
stream of the same energy:




e e o (126)

Ure ity e the elbhee bt on g gross temperature profile when, for ex-

gl il cec ot the enat jet area 18 at twice the mean temperature

wtirbe the other hadf ds art hialf tne mean temperaiure, thus satisfying
Lepo CI20) o repard to copstancy uf heat release. Eatcering vbece
vilaes guiae Do (320,
a . 1 - 1
S b ] e pussmmingg -
s (172,02 + V0.5) 1.061

Thas there is approuxinately a 6 per cent loss of thrust in this simple
case, Calculation of tr2 thrus? loss for actual combustion systems is
further cormplicatec by dissociation phenomenza that occur during burn-
ing at clevated temperatures and by changes in the values of V7, cp,
and R with temperature and gas composition, as indicated earlier.

The equations presented so far are useful only when cotal tem-
perature distributions are known. If it is desired to calculate the
¢ffective thrust available from burning known amounts of fuel in vari-
ous parts of the air stream, the following procedure needs to be fol-
lowed in order to deduce the stream temperatures and stream thrusts
from the local equivalence ratios, It is assumed that the ccmbustor
has been designed on ¢ one~dimensional flow basis and that 211 filow
areas and Mach numbers and the equivalence ratio are fixed. The thrust
having been determined for one~-dimensional fiow, 1t is desired to cal-
culate the thrust loss that would result if the hot burned gases were
not mixed with the remaining throughput, Nominal one~dinensional
values exist for Tto. ns (E.R.), Me, and o (the fraction of the
vnroughput initially heated); the nominal value of S corresponds

wr g
to nC(E.R.). The heat, however, is added to ornly a fraction o of the

flow and this fraction burns at an equivalence ratio of (E.R.)O/c 5
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The ratio of eait thrusin may now be tound trom

and

w
»

v S(M) 8
o o uni

uni

Factual = “a ﬂ(l?a [o 8, + (1 - 0)(2.382 VT, )J .

ni 0
whence
o8 + 2.382 YT _ (1 - o)
¥ Nint o
actual n . 27
Yunt a

uni

This reduction of effective thrust can be regarded as a reduc-
tion in effective combustion efficiency for a particular chosen engine
operating condition., Figure 50 shows this loss of effective combus-
ticn efficiency in a combustion system burning kerosene at an inlet

100
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Q Fig. 50 Percentuge Loss of Apparent
g Combustion Efficiency Due to
E L Nonmixed Exit Jet
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% ) «© ) ) 100
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total temperature of 400°F. The effective thrust loss is greatest for
engines operating at low equivalence ratios where only a small fraction
of the over-all flow, numerically equal to the equivalence ratio, is
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needed for combastio The residue of the air not involved in combus-
tiog ds normally bvepassed arounas the combustion snace and mixed with
the products of combustion, the process being similar to that occurring
tn a turbojet combustion system. I« may be noted that this reduction
of combustion efiiciency is a factor to be applied to a calcu .ted fuel
specific impulse or combustion effirtency, For lean mixtures, in spite
of a certain amount uf loss due to nonmixing. the fucl specific im-
pulses usunlly optimize at values of y 1less than =ticirkiomeiri. =0
that an optimum engine design will still be similar to one with uni-

ferm exit flow.

No compensation factor is needed for nonone~dimensionality of
the ex1t stream whoen the exit jet thrust is measured directly for the
determination of combustion efficiencv, In the case of experimental
combustion efficiency evalua<ion from thrust, thc thrust losses from

jet norone~dimcnsionali

r's
9

ics ¢f all kinds are included in the combus~-

tion efficiency,

A further problem in the design of the exit nozzle results frcz
the fact that the high temperature of the gases leaving the combustion
chamber exposes the nozzle to a considerahle flux of heat from both con-
auctiun and radiation, which may cause it to fajl structurally. Cousid-
erable effort has therefore been expended in an endeavor to develop
suitable nozzle materials to withstand the high temperatures of the
gases issuing from the combustion chamber. For example, while a
nickel-~cobalt steel alloy may melt in the range 2500-2600°P, while
retaining ite strength up to 2000°F. the melting point of molybdenum
(s approximately 4750°F, with an upper stress limit at about 3000°r.
Another approach is to increase the reflectivity of the subsonic and
trroat sections by coating them with such metals as gold or platinum,
Ajternatively, a combustion chamber ccoling shroud may be designed to
afford relief by spilling an annulus of cooler air onto the nozzle,
but this arrangement mav result in a reduction ol thc cffcctive throat.
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the vbject of this section 18 to show how the basic thermody-
uamic calculations of a ramjet engine are made. The various engine
arrangemonts which can be choson for specific requirements are first
considered, and from these the one having the best liktic 0f mesi. 18
picked., Some arrangements may be found which #1ill produce high fuel
economy only at the design poiui, uihers will provide an acceptable
performance over a wide rarge of speeds or power outputs. The main
requivements and indices of merit for engine performance will arise
from considerations of engine application presented in a later chapter.
Typical requirements will be stated here withcut extensive discussion,
as there are a number of inevitable compromises that arise in the de-
sign ot engines for any purpose. These arise from requirements of
weage, from prchlems of installation and from the conflicting require-
ments for high performance presented by the various major components,

5.1 Thrust Performance

The useful output cf a ramjet engine is the net difference he-~
iween the forward-acting reaction on the engine set up by the ejection
of the exhaust gases and the drag associated with the air flow capture
at inlet. This result is expressed either as a net thrust or as a
dimensionlest coefficient CF , the main inlet and exit flow relatione
having been developed in Sections 2 and 3, Application of these rela-
tions requires the selection of values for the two independent gas
dynamic vauriables, flight Mac: number Io and temperature parameter
(sa/ﬁ). in addition to the need to detail the engine geometry.

These relations, togetho= with the ambient condiiion-, determine con-
ditions within the combustor, and allow the selected temperature parame-
ter to be translated into an operating fucl-to-ai: raiio by me.ns of

17
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(e choracteristio~ ol tho burner which 1elate the combustion effi-

s ey the o =trean flow o state.

The mechanics of calculatinn proceed in a straightforward man-

rer from the function of the aiftuser and combustor, using theoretical
relations or test »-sults such as those stawn in Figs, 36 to R for
the diftuser, and Fies, {0, 41 and 44 to 46 for the combustor. A re-
lati1orship su. o -~ (hat of Eq. (114), or test results cuch as those
shown v Fipo 39, will vield the required relationsnip vetween iuc

Qi asor enit Mach namboer M2 and the temperature parameter., One may

then derermine the air flo- capture by means of Eq. (96). or from test
results such as those shown in Fig. 38. The air capture ietermines
the inlct dray, as given by Eq. (98) or by experimental results, as
shoan in Fig. 37. The xit force is determined frow the selected
value of (8, / {?;). the air capture is found for the diffuser, and the
cxit nozzie performance is then found from Eq. ‘120). The exit and
inlet forces may be converted to a gauge btasis by subtraction of the
ambicnt static pressure force on the projected surfaces, or expressed
as coefficients by division by the product of « reference area into
the dynamic pressure; they are thus functions of the flight Mach num-
ber, (8,/ VT:;), and the external pressure level, but normalizing them

by dividing by q results in values which are independent of the pres-

sure level. Different ways of plotting these three variables of flight
Mach numbher, thtrust coefficient and air capture ratio,are shown in Figs
31 aad 22 Fach figure thus completely represents the gas dynamic bhe-

havior of the engine under all conditions, but neither includes any in-
formation as (o how the exit gas tempevrature is to be obtained.

It is clear from an inspection of Fig. 51 that the thrust co-
<fficient varies weakly with the freestrcam Mach number and strongly
with the value of (Sa/1/Tto)' Ir. addition, the lines of constant

(Sa/ Vﬁ?é) relating M0 to CF show three types of engine inlet aerody-

namic behavior, Above the line <AO/A1) i the thrust rises

max
only slightly because of the reduction of engire air ilow due to inlet

spillover with an increase in (Sa/1/Tt ). Below this curve the
0
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(Sqf‘/f:“) curves cxhibit two types of behavior, depending on whether
‘ .

or not the tlight speed is above or below the value for which the oL~
lique snock frcem the spske “3p just falls within the inlet. As loqg
as the obliqu» shock is ¢ + >f the inlet, an increase in the Mach
rumber reduces spiliover between the oblique shock and the inlet 1lip,
so that the air flcr captured increases more rapidly than does the
spced. This increase is reflected in the rise ~f exit thrust or
thrust coefficient with Mach number until full air 1low capture 1is
obtained. Abvbove this speed no supersonic spillover occurs, .. 1 ithe
inlet capture area becomes fixed, leading to only a linear ~y2ase in
the air flow with increasing speed. As the dynamic pressure increases
as the square of the speed, the net thrust coefficient drops off in
the ratio of the increase of air flow with dynamic pressure, or ine
versely as the Mach number. This simplified picture is somewhat

complicated by the relationship between inlet drag and mass flow cup-

ture so that as one moves above the (Aj/A;) . = 1 line the air

flow and inlet force coefficient both fall off. For most diffusers,
this fall in the inlet force coefficiert is enough to offset the thrust
reduction caused by lessened air capture, and a small, but at times
useful, increase in tkrust is obtained by subcritical diffus«r opera-
tion. Figure 52 thus shows the aerodynamic aspects of the ergine be~
havior better than Fig. 51, as it is easier to sl w the variation of
subsonic inlet flow with the temperature paraneter (Sa/er:;) which

largely determines (Ao/Al)max; this results in lines of constant thrust
coefficient becoming lines sloping in general down to the lower right
from the upper left, with break« in slope and spacing on passing through
vegivin. of different rates of air flow change. Figure 51 is simpler to
inter pret from the thrust output{ point of view, while Fig. 5Z repre-

sents tle aeroudymnamic and thermodynamic picture more directly.

Pressurc and temperature (in addition to the temperature paraie-~
ter) must be tixed in order to set the fuel flow or the equivalcnce
ratio required to produce a given value of (Sa/vaB)- If combustion
wer¢e. always perfect with no changes due to dissociati~n, one could ob-

o ]

tain a correlation hetween S, and the equivaleuce satio us shkown in
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Fig. 31, woa would thus teed to fix only T()' MO' and (Sa,-’ VTto) to ob-

tain the {url-air ratic necded to produce a given thrust coefficient.
Sinece combustion ~fFficics~i-0 v 40 fact somewhat pressure-sensitive,
one must also {ix the ambient pressure Pq. which thus enables the com-
busticn pressure 1o be determinec from the relationship between ambi-
ent pressure . flipght Mach number, and the diffus=r rccuvery. 1If, for
instance, one were to set the ambient pressure and temperature to that
corresponding to NACA Standard Day conditions at an altitude of 30,000
feet, one could combine the relationship between (Sa/ VTB and the
cquivalence ratio shown in Figs. 44, 45, and 46 with Figs. 51 or 52 to
obtain the thrust cocefficient in terms of equivalence ratio. If the
to' and the air weight flow are entered
into Figs. 44, 40, or 46, the corresponding equivalence ratio may be

siver -alues for (S / Y‘Ttg). T

derived, as shown in Fig. 53 for the given conditions, These equiva-
lence ratio cutves could also have been plotted on Fig. 52 but for the

ors {
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Fig. 53 Relationship of Equivalence Ratia ta Thrust Coefficient
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resulting multipiicity ot egrid lines. 1If the temperature level at the
miven fiignt aitif{ude were Chauged, engine thrust would be affected
because of the effect of inlet {wimperature on Sa for burning at a
fixed equivalence ratio, resulting from the change of combustion
efficiency and the increase of Tto in (Sa/ ﬁ—%) The general result

is that while Sa increases slightly as the inlet total temperature 1s
varied, the thrust falls because of the correspondingly greater in-
crease of the root of the inlet total temperature ain tue denominator
of the temperaturc parameter term. Figure 5t shows the over-all effect

— ,
i
o7 ; = ao/a ' —
! _ / NACA
woe | e ] -_ﬂ]"“'s_ |
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3 -7 vy SN
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Fig. 54  Effect of Ambient Temperature an Thrust C -fficient at
Constant Aliitude af 30,000 Feet and Equivalence Ratia
of 0.8

of ambient temperature on the engine described in Figs. 61 through 53,
as obtained by contrasting the thrust coefficient for a constant equi-
valence ratio of 0.8 under Standard Hot, Standard Cold, and Standard
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Day conditions at 30,000 feet. This effect is large and can be quite
serious foo marginal power plants, When the engine operating altitude
is changed, two effects ensue, caused respectively by pressure lievel
and ambient temperature. At low altitude, higher temperatures ‘gene::'-
ally occur togeilker with highkrr pressures; combustion at low altitude
is also generally more efficient because of ine high pressure level,
but the value of (Sa/ VT;)) is lower because of the greater propor-

ticral increasc of Tt over that of Sa which generally cads to a .e-

[

S

uction of the thruSLJcoefficient at cea level as compared to the value
at the base of the stratosphere. An increase of altitude above the
base of the stratospherc rcsults in lower combustion pressures attended
by recuced values of combustion efficiency and Sa without any reduction
in TtO so that the thrust again falls. These further effects are shown
in T'ig. 55 for equivalence ratios of 0.3 and 0.8. Of note is the rapid
decrease in thrust coefficient for reduced flight speed at an altitude
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Fig. 55  Effect of Altitude on Thrust Coefficient for NACA Stondord
Day, ot Constont Equivolence Rotio
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nf 50,000 feet and an equivalence ratio of 0.8, due to the fact that

the fall in combustton efficiency
The

alvitude is less pronounced at an

is thus large for a change c¢f nass
tlow or combustion pressure, change of combustion efficiency with
equivalence ra:io of 0.3 and the

slopes of tle corresponding CF curves are more nearly the same.

One may compute ramjet engine air flows at suitable points, and
alse vajues of fuel flow from the air flow and the equivalence ratio,
53. Tz iesultiuy srela=~
and thrust may be plotted

as indicated by curves such as those ot Fig.

tions between fuel flow, flight Mach number

as in Fig. 5b to give the final engine performance relationships re-
o T T T 1
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guirad Agsociated with each point on Fig. 56 are 2 thrust and a fuel
rate From the quotient of these parameters a figure of merit, If,
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rne tped spe~ific iwpeulse, may be obtained and plotted as shown in
Fis . &7 10 indicare the over-2il efficiency of the engine by tha use
of vontoucs of 1, superimpesed on the hasic grid of Fig. 53. "he kinks

foothe curves at My o~ 0.2 have b.re been smoothed out.

Fig. 57  Fuel Specific Impulse for Typical Engine
with Fixed {nlet cnd  Ex’t Geometry

Thrust Coeflicknt , C_
o
»

e '8 20 22 24
Fresstream Mach Number, My

Optimum engine thrust efficiency correspends io optimun If,
(which for the particular case shown occurs at a Mach number of 2.1i8
and 1 thrust coefficiert of 0.535). The locus of this optimum potnt
i set by the shape of the combustion efficiency and the diffuser air

flow curves. As the particular engine design was set originally by
consideraticns of thrust rather than of efficiency, the diffuser and

A M o e = s A

combustor optimum design points do not coincide. A kigher impulse
i peax value could have been obtained by arranging tze engine geowetry

so that the diffuser operated at jeak pressure recovery while combus-
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ticn took pliace at maximum efficiency. The choice, however, was dic-
tated by the possibility of obtaining greater thrust, by operating the
comhustor at an equivalence ratio corresponding to higher than optimum
combustion efficiency. Maximum thrust is secured by maiching the dif-
fuser inlet and combustor exit areas to the maximum available Leat r&-
iease, rather than by achievirg the most efficient combustion. A
whole series of engine designs may thus be assembled from a cowbustor
and a diffuser of given performance by adjusting inlet and exit aroas
to optimize economy at various points., Figure 58 shows optimum fuel

o7
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Fig. 53¢  Fuel Specific impuise for Typicel Engire 2 i < ',/ N N
with Vaoricbis inlet end Exit Geometry 3 V/
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specific impulses associated with various values of design thruets for
engines baving the diffuser and combustor performance shown in the
preceding figures, but with inlet and exit areas adjusied for optimum

120
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«fficieacy at each point. This figure thus represenis the performance
vi a variavle geometry engine--ii such could be built. A comparison

of Figs. 57 and 58 shows in effect the penaity paid by a fixed geume-
try engine for off-design perfornance. The fuel specific impulses for
the fixed geouetry cngint npproach those for the variable geometry one
at the optimum point, but fall 20 to 30 per cent below them at the ex-

treme values of thrust coefficient and Mach number.

5.2 Optimum Fuel Specific Impulse

To find the optimum of the parameter of fuel specific impulse,
it 15 first necessary to maximize the expression
If = F

net/*f

by specifying the Lhrust value Fnet; wf, the fuel flow, is thus re-
garded as the variable. Sirce wf is in turr a product of{ the engine
air flow and the fucl-to-air ratio vy,

F
- _het
I, —,

wa y

The two terms in the denominator must be related to cach other through
the medium of the thrust coefficient equation and the internal flow re-
lationships for particular engine designs as characterized by their
geometrical features, These are implicit relations so that the char-
act:ristic design features must be such that values can be arbitrarily
assigned to them in order {o evaluate the required functions. The deri-
vatione given below will show that these features are the diffuser exit
iach number, Hz, and thc ri:tio of nozzle exit area tu combustion chamber
area, (Ae/AZ)' These are related to the equations for thrust coeffi-
cient, diffuser flow, combustion chamber momentum palance, and exit noz-~

PENR—

zle flow, as follows:
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9OA1 s A A

c. - 3 o B0 - 24 - —S , (128)
Toamy s, VT K2 " atarm,
. .
Ay Bp/vt) w]o pto - A Bp/pt) 3]2 ptz ' (153
1-(Cc, - 2)(q/1?)2
L - VT, ) B0 (159)
) (8,/ tg b’ v
2
and
Ae - W :\2 5 (131)

Cne may evaluate (Al/Az) from Eq. (129) in order to express it

in terms of functicns of M lz, and LFE

0'
|
p, [or2) ¥ (e/p,) ¥
;l . pﬁg [ +) ]2 oy [ t" g
4 .
2 tg I“’/"t) 8]0 I“’/"t) Slo
Solving for (S, / ¥T, ) in Eq. (130),
0

1-(Cy - 2)(q/P)
b 2

- 1
S -
o - (i
Entering this value into Eq. (128), along with Eq. (131), there
follows
% ng [®/pp 8]2 (e - D@, |
Cl,.(q/l’)0 ﬂ(..,e Ne

ZXE] . pan, ¥,

132
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(piw,) 9
- 2(q/P),. 7 _£_ - J% - u
¢ Teerey) 8
This may be solved for ﬂ(MkJﬂ(M)b to obtain
(P/p ’ r
g(M) t
e - 0 — (a/PJy Cp
B, Mo Mg (1>/pt)2 [1 - (cDb o 2;\q/P)2]
{
| (p/P)) 8]
v 2y @) 4+ g (132) |
d Teprp,) 8] 0
L7t Vo | |

Sirce u, Cnb, Cpr My uz, LPY and 1, have been fixed, the right

hand side of Eq. (132) mcy be evaluated by defining the particular re-
lationship between ﬂ(u)e and ﬂ(ll)b that must be mei if the engine is

to produce the required CF at these conditions. This relationship
implicitly determines thc throat area ratio (Az/Ac) because particular
values for ﬂ(M)e and ﬂ(u)b correspond to each value of (Ae/Ac) and
(AZ/AC). (Either one ratio or the other will have been fixed so that
they both change together as Ac is varied.) As Ac is reduced below Ae’
the exit stream becomes supersonic, and ﬂ(ld)e also increases with He,
but its rate of increase is slow. The subsonic value of D(M)b like-
wise increases with decreasing Mb but does so more rapidly; the ratio
of ﬂ(u)e/ﬂ(u)b is therefore unity for Ae - Ac - Az, and decreases as

Ac diminishes. Figure 59 shows this ratio ploited against the combus-
tica chamber to exit nozzle area ratio, as obtained from Eq. (132).
From the abscissa of this figure may be determined the exit nozzle con-
traction ratio for the chosen vaiue of (Ae/Az). The value ot Ib which
corresponds to this value of (A/A*) may then be found from Mach number
tablies in order tu evaluate ﬂ(M)b, which is then inserted into Eq. (130)

to determine the value of (sa/I/th) associated with the operating
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value of M2 to give the prescribed CF' A set of such calculations
must be performed for various values of “2 to obta2in corresponding
values of the temperature parameter, Air flows for cach anginc design
are cumputed from the respective vialues of "2 by means of Eq. (129),
and the corresponding fuel-to-zir ratios are deduced from the values
of (Sa/ifT;-)’ as obtained above. The valuc of the fuel specific im-
puls~ is thgn computed for each design, and the values plotted agrirct
diffuser Mach number, inlet area capture ratio, equivalence ratio or
exit nozzle thbroat area rztio, in order to tind the relation of any
one of these to the optimum fuel specific impulse. Other values of
the engine design parameters may also be determined from Eqs, (128)
through (130). Such an optimum value of If if valid only for the
selected value of (Ae/Az); if, therefore, (Ae/Az) is also a variable
for optimization purposes, the process needs to be reneated for a
range of values to select a further optimum as a function of this ratic.
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Vi EJCINE OPTIAMIZATION PROCEVURED

Preceatng sectiens have treated the general operation of engine
components oud the equatiors relating the flew state across each com-
poacont. It 1s thorediove possibhle, n principle at teagt, to combine
varicus ditfusers, combustors, and exit nozzies to produce @ wide
vartety wf onzines wiach may be operated under various conditions,
since the gas dyaamic aspeets of engine design are ncre amenalbile to
analvsis than are the structural aspects. Although all design is in a
sense aptimization, the procedure discussed here involves a comparison
Sotweon varions component designs, each optimized with respect to the
demands upon it, in order to s=electi tie pest coumpromise for the enginc

as a whole,

The three bhasic variables affecting the output of a heat engine
are an intensive factor, the energy added per unit of working fluid,
an extensive factor, the quantity of working fluid hand.ed,and the
efficiency of the cvcle. Once the choice of a ramjet cyele hius been
made, various combinations of these factors are possible. The practical
variables ccrresponding to these are the temperature parameter (Sa/ yﬁ:)
and the diffuser area ratio (AO/An)' There are other parameters which
alsc need to be considered when a design is being calculated, but as
these are either environmental (such as flight Mach number, pressure,
and temperature) or cxperimental {suck as burner drag), they are int-
tially determined constunts rather than dependent variables. The dis-
charge area of th2 exit nozzle occupies a peculiar place in the calcu-
lation, as does diffuser cowl drag, in that except for the considera-
tion of external aerodynamic drag, it is at an obvious maximum when
the gases have expanded fo ambient pressure. It the external drag is
not tc hc considered in the optimization of an engine, all designs
will iavolve an expansion to ambient pressure. On the ~ther hand,

since the rate of change of thrust with area is zero when the ambient
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conmbustion « fficteney 1 the course of the optimizaticn procedure
sipre th mrascor casn he designea for optimur combusticon efficicney
Dotre fucl to air ratio irndicated by the analysis.) The likely range
cf diffuscr oxit Mach numbers will range from 0.250 Jown to 0,100 for
Carloas engine Jdesipns . depending on the temperuture ratio across the
combustor.  Tie pieasdure ratio across the combustor will also be such
as to requive expansion of the gases to suhstantially the full engire
area to bring them close tc amblent pressure At exit. It will he con-
venient (o consider six values of diffuser exit Mach number from 0.100
to 0.250, at intervals of v.025, and to evaluate the exit nozzle throat
area and the temperature parameter (Sa/ yﬁ:) from Eq. (132) for the re-
quired value of thrust. Combustor drag values may he chosen to he 2,
6. and 12 combustion cnamher inlet velocity heads. These values corre-
spond respectively to the drag range associated with eithar a huffle-
type burner at the diffuser exit, a can-type combustor placed wholly
in the combusticen chamber, or with the latter mounted within tle dif-

fuser near its exit.

Six sets of calculations are then performed using the equation
referred to, introducing in sequence the six vwelues of !2; values of
(AZ/AC) and Mb for drag coefficients of 2, 6, and 12 are then Jd2ter-
mined., Since it is assumed that the exhaust gases are to b¢ reexpanded
to full engine area, Ae may he set equal to Az. The exit forces are
next computcd, except for the term wa, which is determined when the
exit is matched wiih an inlet corresponding to the assumed values of
diffuser exit ¥ach number M2 from Eq. (129) for each of the values
0.7, 0.8, and 0.9 for Mq° There are thus nine families of six sets of
engine designs requiring various values for the tenm;+rature parameter
(Sa/ JTZ) to be letermined fiom values cf thrust coefficient, diffuser
efiiciency, diffuser exit Mach numher,and combustor drag. One may now
select hy interpolation from each set the engine design yielding the
desired thrust coefficient, and calrulate the fuel flow and fuel spe=-
cific impulse for the selected thrust coefficient as explained in
Section 2, page 31, and Section 5, page 132, and then plot these re-~
sults to determine the optimum fuel specific impalz~ for cach fomily,
The resuiiant fuel specific impulse curves are shown in Figs. 60




thposicn Y, (Those fagares are computed for 190 per cent combustion
tte tein Dut may castoe beosdiusted to fower values by multipriica-
tron of toe ordinate and division ol the abscissa by any appropriate

value ot combustion efticiencoy. )
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The design of an engine for optimum fuel specific impulse with
expansion of exit gases to ambient pressure instead of to the fixed
nominal engine area wou.d differ only in regard to the selection of
the proper value of the area ratioc (Ae/Az) which fixes the exit Mach
number, Since u 15 needad to obtain the ratio of the throat to com-
bustor area, an approximate value muat firet be cmployed to obtain a
valve for the latter, since changes of u affect the design less than
changes in (AC/AZ). One may now proceed to determine other features
of the engine design that depend on th> desired thrust, For example,
the cxit Mach nwnbesr may he obtained rrom

T wom M s 1 11 min g O

A
WA = up (133)
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and ibe oxit pressure from

g(M)_(P/P)
P (A, /A,) e t
s} 172 fae o] e
oot = (5. /47T, ) W . (134)
&y i LA R ii]Ptie

The quantities (A /Aj). and (41/\2)(Sa/'/72;) were found when the opti-

munn Jesign for selected values of CF' MO, and g was beinz established.
The value of !e is founa from (A/A*)n by means o1 £q., (J33), anu it is
sreaed 4o ~aes b te {he functions of Me’in En  (134). The value of

(PG‘P“) is not likely to turn out to be exactly 1.0, correspending to
the casc PL K PO: if Pe" PC’ the further expansion required points to
the nced to select a targsr value of u ; likewise,. if Pe < PO, a smaller
vaive of 4, is requirea. A secund more accurate trial value of y,

4’ may then bc derived by computing the exit totel pressure Pt , using
e
values found for Me’ Q(M)e, and (Al/AZ):

(AI/AZ)(Sa/’fTIO) BM), 80

(135)
t 0 wE7P 0,

ilaving found Pt from this equation, one may next compute (Po/Pt ) to
e . e
yield the exit Macn number Me for nozzle expansion down to atmospheric

' *x_ ot
pressure. This value of Me also yields (A/A )e' the new value for
]
(AC/AC), and the corresponding value of y 1is then derived from this
by multiplying by (AC/AZ), so that

1 *.|
b= (AR (A /Ay (136)

“fese calculations are then repeated, usiag u' to obtain a second ap-
proximation for (AC/AZ), (AI/AZ), etc, The caiculations implicit in
Egs. (133) and (134) are repeated to determine whether the exit static
pressure then maiches the ambient value.

A question arises concerning the basis fur a first es.imate for
i, as it varies widely, ranging in value from a quantity of the ordev
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of unity for high thrust coefficient designs dowi to much lower values
for low thrust designs. The wisdom of using exit areas larger than

the combustion chamber is questionable since the gain in thrust on the
downstream side of the nozzle is offset by the increased frontal drag
produced hy increacing the engine diameter from A2 to Ae' Accordingly,
the assumption of ;1 = 1 is a reasonable first approximation.

Determination of an engine design :o provide maximua thrust is
in practice more straightforward ihan that shown in the preceding cal-
culations since only the maximum value of (Su/ yTt) need be considered.

0

In cases of low burner drag, the engine air flow will be at a maximum,
corresponding to sonic discharge from the combustion chamber without
an exit nozzle., The calculation proceeds from the momentum balance
across the combustion chamber, starting with Mb = 1, and (Sa/ /T; )} at
a maximum; inserting these values into Eq. (135) enables one to deter=-
mine MZ' The inlet area ratio is then found from “d' the diffuser
total pressure efficiency, and the weight flow relationship, Eq. (129).
Exit and inlet fcfce coefficients may now be computed, and their dit-
ference is then the desired thrust coefficient. If the combustor drag
is high, it will be found that substantially as much thrust will be
obtained using a siightly convergent-divergent exit nozzle (AC/AZ =
0.94,say) as with an unconstricted combustion chamber -- in addition to
Better fuel economy,

6.2 Typical Results of Engine Optimization Calculations

The procedure outlined in the preceding section has been carried
out for some engine design cases of general interest. The approach
chosen has been to invertigate first the dependence of Mach number on
thr engine fuel specific impulse. This has then provided 2 basis for
the selection of the design flight speed whcn 1t was combined with ex-
perimental test data on the parameter of diffuser efficiency as a func-
tion of flight Mach numter. Other engine performance parameters such
as thrust coefficient, burner drag, combustion efficiency, and exit
nozzle efficiency may be considered fixed since tikey are not dependent
on the flight Mach number. The next stage of optimization is then
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carricd vut at the sclected flight speed and the corresponding availa-
nle diffus:r pressure tecovery in order to determine the best con-
promise between combustion efficiency, burner drayg, and exit nozzle
efficiency. The study oi the compromise between burner drag and exit
nozzlie e¢tficienry versue ceombustion eificiency may be czarried out most
simply if onc notes that the eifect of combustion efficiency is to
alter the amount of fuel to be burned--in an inverse relatiounship.
Accordingly, the values of fuel specific impulse calculated for a cem-
bustion efficicncy of 100 per cent may be adjusted to any lower com-
hustion etticiency by increasing the fuel rlow inversely with the de-
ciease in combustion efficiency. This leads to a new value for the
fuel specific impulse equal to the product of the fuel specific im-
pulse for 100 per cent combustion efficiency and the actual combustion
efficiency, and to a new optimum equivalence ratio equal to the quo-
tient of the ideal equivalence ratio into the combustion efficiency.

A relaiiunship between engine geometry and the fuel specific im-
pulse is shown in Figs. 63, 64, and 65 for flight Mach numbers of 1.50,
2.25, and 3.50. (Fi-ur=2 61 is here repeated for convenient reference
as Fig. 64.) Eqguivalence ratic is plotted as the abscissa, and there
is 4 simultaneous change of inlet area ratfo (Al/An) and exit nozzle
throat size to maintain a constant thrust coefficient, Tne maximum ot
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Fig. 63  Effect of Buiner Drog and Equivalence Ratio on Fuel
Specific Impulse, 4 - 0.9
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this curve determines simaltaneously the proper iniet and exit areas

as well as the equivalence ratio for optimum pertformance. A set of

such optimization calculations has becen made using suitably selected
values of diffuser recovery, and resulting values of optimum fuel spc-
ciftfe impulse are plotted aga: =1 the Liigui daci: number as the abscissa
in Fig. 66. This figwre i3 not complete without the insertion of a con-
sideration of ihe recoverjes actually achievable 1in practical diffusers,

2200

\\‘ Kg::,olon Of Currently

E R T S T IY)
EaaE2 nat M values

2000

Gplimum Fuel Specific Impulse, 1y (sec!

1800
wp il B
cossc
w0 - e =10
e 10
1400
10 e 29 40

Freestreom Mach Number, M,

Fig. 66  Effect of Flight Mach Number and Diffuser Efficiency

on Fuel Specific impulse

Reference is made to Fig. 67 which shows consirvative values for dif-
fuser efficiency; these are incourporated irn Fig. g6 to establish the
rroper relationship between thc optimum fuel specific impulse and tke
flight Mach number. The fuel specific impulses shown in Fi=, €8 acurz
computed on the basis of an assumed exit nozzle efficiency of 100 per
cent, a burner drag equxzl to 6 velccity heads, and 100 per cent com-
bustion efficiency. An assumption of 100 per ccnt nozzle efficiency
is, of course, somewhat optimistic: the burrer drag figure is, however,
a realistic one. (The combustion efficiency has no bearing on the
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Fig. 67  Expzrimental Diffuser Recevery Ratios

locution of the optimum as long as it ~an be concldered conatant.} On
these assumptions the flight Mack number for optimum fuel specific im-
pulse will be found to occur at a value of about 2.6. An analysis

similar to the above may be performed using thc more pessimistic value
for the exit nozzle eificiency Mg ot V.67 in order to obtaim an in-
crease of exxt nozzle :irust above that available from a sonic nozzle;
the results of this calculation are presented in Fig. 68. A comparison
of Figs. 66 and 68 shows that a loss of exit nozzle efficiency has a
large detrimental effect on the magnitude of the wvailable fuel spe-~
cific impulse for 2 given diffuser efficiency and flight Mach number,
but 1t does not alter appreciably the flight Mach number at which the
optimum impulse is obtained.

The diffuser efficiency strongly affects both the optimum geome-
try and the operating equivalence ratio, as shown in Figs, 69 and 70,
As the diifuser efficiency ralls, the fuel specific .impulse ig opti-
mized by reducing the diffuser air flow, as shown in Fig. 69, at the
expense of greater combustor heat addition (Fig. 70) and increased
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Optimum Inlet Area Variatior with Diffuser Efficiency and
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combustion losses. The effect cf Tq o0 fuel specifi: impulse has bheen

seen in Flgs. 66 and 68. The burner drag losses have an effect similar
to that of diffuser pressure losses except that they are related to the
local combustion chamber inlet Mach number instead of to the freestream
Mach number. Figure 71 shows the reduction of optimum fuel specific im-
pulse with varying burner drag coefficient. The effect will be observed
1o Le large at low fligui Mach numbers (1.5 to 2.0) where the diffuser
exit velocity head is a significant part of tne total paessurc loss,

but at higher flight Mach numbers from 2.25 to 3.40,the diffuser total

T e . s e W
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Fig. 71 Effert of Burner Drag on Fuel Specific Impuise

pressure losses increase cousiderably and so swamp the effect of burncr
drag. As the flight Mach number increases, the burner Mach number di-
mirishes because of the greater density of the captured air, and inter-
nal drag losses are thereby reduced. Because of the relationship of
internal darag losses to the diffuser exit Mach number, there is a marked
shift of the optimum diffuser Mach number with combustor drag coeffi-
cient, as shown in Fig. 72. Tui¢ over-~1) efficiency in burners of uigh
drag is improved if a lower diffuser Mach number is employed, i.e., the
distribution of comhusto.’ aerodynamic and thermcdynamic losses is read-
justed to ninimize the sum of these quantities.

The diffuser =xit Mach nu ' r for optimum fuel specific impulse
is relatively insensitive to chay 322 in diffuser cfficiency, exit noz-
zle efficiency, and thrust coefficient. This inseasitivity arises
from a self-adjusting feature associated with the diffuser and combus-
tor geometry., A reduction of diffuser efficiency, for instance, calls
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for a lessened capture area ratio which, through the resultant iucrsasc
in the ratio of diffuser exit to inlet area, offsetr the lower pressure
recovery and brings the air essentially to a constant Mach numer in
the diffuser. Similarly, variations in exit nozzle efficiency and de-
sign thrust coefficient principally affect the design of the exit noz-
zle and cvombustor, togethexr wiih the value of the over-all specific
impulse. This variation oif the impulse with exit nozzle efficiency is
shown for over-all nozzle efficiencies of 0.975 and 0.950 in Fig. 73
for engines of optimized georetry. The rativ of the impulse loss to
the loss of exit mcmentum is nearly constant with flight Mach number,
but the proportion of the former luss becomes gre=ter at the lower spe-~
cific impulses obtained at lower flight speeds. The fuel flow and the
equivalence ratio increase inversely with the change in fuel specific
impulse. Exit nozzle efficiency, as explained earlier, is a function
of the divergence angle sand the exit to throat area ratio. BSubsonic
and sonic nozzles achieve nearly theoretical values of exit momentum
because of their relative uniformity of flow and tic absencc oi flow

divergence. Since a supersonic nozzle of fixed length will approach
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the ideal as the area ratio approaches unity, engine desig: optimiza-
tion calculations invclving such exit nozzles should empluy a nozzle
efficiency varying with the expansion ratio. A fair approximation to
this situation was obtained in the calculations for Figs. 66 and 68

by assuming thar the incrane~ cf cxi¢ momcntux above the sonic value
for the exit stream was a constant fraction of the ideal. S8Since the
fexit momentum is Saﬁaﬂ(u)eff and vhe sonic value is sa*a' the approxi-
mation takes the form

"
P gy = 1+ [BOO,, . - 1] ng - (137)

An increase in the value of the design tnrust coefficient leads
v an wncrease in the combustion temperature and exit nozzle area, and
a fall ia the over-all fuel specific impulse wi-h oniy a 8l.3ht effect
on the optimum diffuser exit Mach number which therefore increases
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propertionally at the rate of avout only one~teuth of that of the
thiust ¢ hange The ¢flect cof increasing the thrust coefficient on
fuel specific impulse and equivulence ratioc for thiree different flip.
Mach numbers, 1.8, 2.5, and 3.5, is shown in Fig. 74; these curves
cover likely regions of turust and flight speed operation with likely
values of diffuser recovery, buruner drag,and exit nomzle efficiency.

Similar effects occur at other flight speeds.
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In conclusion, it may he said that tne most straightforward way
of arriving at an optimum engine design configuration is first to assign
probable values to the various component performance parameters for use
in the indicated calculations. The latter are then repeated using upper
and lower 1i:mit values in the case of components of uncertain perform-
ance in order to determin~ the variation of optimum proportions aud
performance withir this possible component variation. By this means,
one is ahle to weigh the net performance gains (u bv made py oprimiza-~
tiou of one component at the exponse of anocther,
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APPENDIX

Tabulation of Mach Number Functions

The flow relationships involving Mach number also involve the
vilue of y (which decrea--s with temperature fo. any given gas, at
least up to 5000°F, at a.. pressures except the lowest), but a change
in y irom, say, 7/5 to 9/7 produces a change of only a few per cent in
mest Mach number furctions at any particular value of the Mach number.
(The area function (A/A*) is particularly sensitive to & variation in
¥ at the higher values of M however.) The Mach number furctions tabu-
lated below are presented for comparison at these two values, since
they give simple whole number values for such exponents as VZ%—T 0

"
=T n¥v+_l1) , etc,, as indicated in Section 2; these values are

Y
respectively 3, 7, and 4 for ¥y = 9/7., The value 7/5 corresponds to

air ai low temperatures (0-500°F), while y = 9/7 corresponds to the
products of combustion of fuel aund air mixtures at more elevated tem-
peratures (abuut 4000°F), The set of Mach number functions for ¥ = 7/5
may thus be used to describe flow into a combustion system, while those
for y = 9/7 describe flow out of a combustion system, For low heat re-~
leases, howe’-r, it may bc more appropriate to use the 7/5 valiue for
both such streams,

The functions listed below are intended to be uniform with Refs.
22 and 23 and the present text, Other tabulations may be found in Ref,
21 and 1n some texts listed in the Bibliography. Quantities are all
dimensionless unless otherwise stated, Figures A-1 through A-17 illus-
tre~.te the variation witih Mach number of the various functions for
values of the latter up to 5. (It has not sremed wurthwhile to extend
the relationshine havond ttis value owing to the need to incorporais
real gas effects at higher Mach numbers.) To avouid confusion with the
curve of (Tt/T:)’ the function (p:/pt) has been plotted separately.
Constant specific heat valu2s are assumea in ine derivations,
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