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FOREWORD

This final engineering report w. A repzred by The Martin Company
(Baltimore) in fulfillment of Supplemental Agreement No. 4(61-425) to
United States Air Force Contract No. AF33(616)-6940. Task No 50824,
which was administered b%, the Guidance Laboratory at the Wright Air
Development Di)-iIcn.



A self-contained guidance and control syba'em for a hypothetical.
unmanned one- ve ,rmi,in in space ib pre.,,ented. System operation
Is based on'the use of altitude measurement.-. to define the in-pIaiz
orbit parameters and pireselected star occultation UImv olesurernents
to define the orbit planne orientat ion parameters~. 'veraillsybtemn )p-
oration-is presented and system errors are evaluated, using an :BMi
7090 computer po~r m.

A-detailed deecription-of each of the sithsystcrne is given and the
reliability of ibitc i~vstcms is prodictrd for th'ueone-year mishion,
using component failaue rate data. From this study. it-is hown that
thesystem could be instraunntc-t waing uu-ft&ur niirciare.
preliminary niiss Ionsanalyvsis indlet tuiut the system -xould have
rotn~idvrable utility hiign-c miutelli te missin, re1i~uring exit fron
orbit and rendezvou.~ with earth-ha.,ed target.ioints.
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SYMBOLS

- Peac-powe r transmitted , watts

PR a Prak power received, watts

R - Radius of earth, meters

h - Altitude of satellite, naut mi

7" =.Duration (width) of transmitted pulse, sec

fr a Pulse repetition frequency, pp3

d - Duty cycle, ratio +

NF (or FN) - Noise figure

Go a Antenna gain over iaotropic, db

B a Receiver bandwidth, cpa

X. - Wave length. cm

a Propagation and degradation losses, db

- Signal- to. noise ratio
N

T * Time constant, seconds

* - Angle of incidence (from vertical), degree

a a Radar cross section. per unit area

"\E a Effective area. meters
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SUMMAhY

The findings of this final Engineering Report may be summarized
within tne framework of three major areas of preliminary system
oasign, which have been analyzed as follows:

Feasbility

A self-contained guidance and control system (of the type considered
in this report is feasiblc usinrg hardware which is well within the state
of the art of present hardware design. In cnsidering the various sub-
systemb which make up the guidance and control system, only a few of
the components can presently be purchased as "on-the-shelf' items.
Howe~er, it is apparent that equipment which cannot be purchased readily
does not represent design problems requiring major advances in the
present art of equipment design. The computer, for example (though
nonexistent;. is a deriatie of a curt aently available computer and has
already been partiall) designed.

ierformance

System accuracy, based largely on an IBM 7090 program, has been
estimated. The mathematical model for this program has assumed a
spherical nonrota'ing earth and a fixed error due to the fact that the
occ-ilting surface (earth plus the atmosphere) is not circular. In addi-
tion, this fixed error has ignored statistical fluctuations in the atmos-
phere at the time of measurement of occultation. This fixed error is
believed to be a reasonable value hoAever, and it is not felt that the
overall system error would change appreciably by a more sophisticated
approach to this problem.

In summary, it seems reasonable to conclude that the overall bys-
tem accuracy would yield future predicted positioi accuracies of one nau-
uit .i mie if tie orbit.il element. .it e Overag,,d over veral orbit passes.
Perturbations on the orbit, due to earth model uncertainties, are not
included in th.s ebtimate of system accuracy.

Reliability

The overall system reliability hat been found to be so low that a
one-year mission (of the type considered throughout this report) is
impractical. Tih pt in-,ipal problem arises from the fact that the atti-
tude control system must he on continuously during an unmanned rnis-
sion, hence, the attitude sensors and the thrust no7zles which torque
the vehicle are continuously in operation. From the failure rate data
that has been made available, these devices simply will not operate fo,-
one year in the system design considered here. Redundancy has been
explored ory briefly for two basic reasons:



x

(1) It is felt that the mission used throughout the report to
evaluate the system cannot be considered realistic; however,
the system (in its present configuration) could be used on
alte rnate manned missions with success. These alternate
manned missions would result in greatly enhneved reliability,
since most of the subsystems could be turned off until they
are needed. For these manned miscions, reliability (even
for extended periods of operation in space) would not be a
severe problem.

(2) Simplicity in design has been adhered to wherever possible
in the present system. it is felt that this approach is one
way of achievinmg j reliable system design.

W' 1)~ . . .
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I. INTRODUCTION

This document is the final report in a series of engineering studies
conducted at The Martin Cortm)any under the provisions of Contract
Al 33(616)-6040. In general, these engineering studies have been con-
cerned with an evatuation of possible unmanned satellite guidance and
control techniques.

Work previously completed under the contract has considered, in de-
tail, the various alternatives in devising a guidance and control system
for orbiting vehicles. This work has included the analysis of guidance
and control laws based on all known techniques within the two broad
categories of guidance and control systems, i.e., the system must either
be self contained or it must include ground-based elements in the guidance
and control loops. There are many obvious advantages to a completely
xelf-c.ntrined guidance and control system for most satellite missions,
and late in 1960 it was decided to pursue this course in developing the
guidance and control concept.

In order to study a self-cont-ined guidance and control system it
wa necessary to establish a missicn for the orbitinZ vehicle and the
associated subsystems. This hypothetical mission then establishes an
accuracy and mission time basis for studying the system. The mission
geometry selected is shown in Fig. l- 1. There are four orbit planes,
each containing four satellites, with the orbit planes symmetrically located
with respect to the earth. The proposed inclination of the orbit planes
is 54.736 degrees,. and the orbits aro near circular at an altitude of
approximately 5600 naut mi. This arrangement permits simultaneous
viewing from the earth of at least three of the satellites at any given
time. Such a system would have utility, for example, as a navigational
aid, and for present purposes of study only, this has been assumed to be
the mission for the system of orbiting vehicles. This mission requires
relatively severe guidanc- %nd control system accuracies, and the
mission time, here assumed to be one year, places a substantial em-
phasis on system reliability in a conmpletely automatic system. This
hypothetical mission should not be construed as the principal recom-
mended usage for the system.

The self-contained guidance concept is formulated about two prin-
ciple 3ensing devices:

(I) Celestial sightings which are interpreted by the system as
time measurements when certain preselected stars are
occulted by the earth.

(2) Conventional electromagnetic ranging techniques which are
interpreted by the system as radial distance measurements
at preselected points in time.
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I

A combination of the data from (1) and (2) above enables a direct
solution for the trajectory of the vehicle in termc of the orbital ele-
ments. As used here, these elements include the period of the orbit.
the eccentricity, the magnitude and orientation of the semimajor axis,
the argument of perig.e and the longitude of the ascending node. Once
this information is available aboard the vehicle, comparisons can be
made with preselected orbit parameters. The error signals which re-
sult from these comparisons are used to force the vehicle to fly a pre-
selected course. Ideally the preselected course is a circular orbit in
the pattern shown in Fig. I-I.

It should be noted that the assumed mission implies numerous prob-
lem areas which are not directly associated with the guidance and con-
trol problem. As an example, the data link between the orbiting vehicle
and surface-based craft would be an important consideration in the de-
sign of an orbiting navigational aid system. Such problems are beyond
the scope of this final engineering study, and emphasis has been placed
solely on the guidance and control problem. In particular, it is desir-
able that the degree of hardware feasibility of the self-contained guld-
ance and control system be established.
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II. SYSTEM REQUIREMENTS

The xequirements for the total system are specified with reference
to the hypothetical mission of one year duration in a circular orbit of
approximately 5600-naut mi altitude. During this period, all subsys-
tems aboard the vehicle must operate automatically for selected inter-
vals of time from a programmed sequence of events.

In addition to those requirements noted in Table 11-1, the general re-
quirement exists for the system to operate in a space environment ap-
proximately 6000 naut mi above the earth for the one-year period of the
mfision. It is possible to speculate at great length on possible prob-
lems introduced by the phenomena of charged particle radiation in such
an environment. However, in vow of the relatively meager amount of
information available, it would seem presumptuous to attempt to assess
the long term effects of such radiation at this time.

ER 11647
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TABLE U- I

Syqiem Req61iieilti

S.atern Peiriod of Operation performance Requirements Comment.,

I. - adar Intermittent operation Mlost measure altitnde Io the Accuracy .npected to
-altimeter for.a small portion of =ag.of 5000 to 6500 naut mi. deteriorate with time.

each orbit period. Total mcuay reqtuirements are' If accuracy is degraded
operation time to &;proot- 21.0 Mile as much as 22.0 miles.
mrately 200 hr. t0en radar deo not in-

'ro overall orbit pre-
diction, bosed on occul-
lotion trchnique alone.

2. It systen Cotinvuous operation Mlust provide error signals Accuracy expected to
for o-e year. for torquing vehicle to local deteriorate with time.

vertical in pitch and roil. Miaoimumn error after
Accuracy requirement Is one-year operation Is
ICXl. to be no gtreater thaa
Variable field of vi*.,re. 1.01.
quired in optical system.

3. Computer On continuously. b,1t Storage of preselected star Some deterioration of
computing oni) a $mail positiona; digital computation accuracy with time ox.
fratction of the time, of orhital elementa from pected. %ot expected to

Altitude. occulttatio (tim t cause total mission
inputs. Computation of v. failure from standpoint
lodeo attitude cot fecting of accuracy degradation.
mmnv'uveor. Initiat~on of
varimia on-off functions.

4. Puoaer Continuous op'eration i'onti-6ou Intermittent Nonuriented silicoi solar
system for oe year but peak ~ 6Til l~~~n Coll syatem and radio-

loading only *hrn radar isotope system conbid-
a$ on. L~e.. a sMall frac. 45 wl: -in erod. Solar cell system
tLon of each day. 0 attractive from weight

AS w/ 1. min standpoint. Rtadioiaotope
* sypstem attract1,. from

65 .0O.5 Im reioviiy standpoint.

5 ./2.0 min

S. Intrmul Cvrnis for ore year A.'or.:itl acquiIton aid Scruo performance cx-
reference, period. tracking of preselected stars pected to deteriorate
occuiltation v-art he provided. Entreme with time but not con-
meaoujrewent precia-a required in occul- aidered a mnajor prob.
aYat in tation time measurement. lem scept from reli.

ability standpoint,

6. Provf.un
.Yalein

a. Orbit Ltr~y em' larhing orbit AV riqua ementa up to Engine Is cast aff after
injection a-id lostl orbit only. 1000 fps. injection into the final

orbit.

b. Attitude Limit v)cle Mtaintain Total of 12 law level
cunirci and continuous attitude control throat satans to

atailastonto1012%. Provide attitude control
and atabiisation.

c. Orbit beeping Jperaliun only huth position error& Six "Iinto and three
system fur a small to within 1.0 nal mi rate gyros. Not con.

fraction of with reapect to a aldered a reliability
each day. pregrammed orbit, problem duo to Infrt-

qaent U..
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Iil., RECOMMENDED SYSTEM

The recommended guidance;and control system Is based on the
concept of-using a combination of radial distance'measurewnentsisnd
preselected star occultation tlmesofodefine the elements of the orbit.
These data are measured aboard the vehicle so that the system is-
compltely self contained. The6su al roblemsOf a Vound-baed!
guidance concept are thus completel eliminated and it should he pos-
sible to reduce thecosts fnd location problems of a ground-based
tracking system. Some tracking from the earth will be required early
in the period immediatelyfollowinglaunch.,but once in the final orbit
no tracking-is required by the airborne syatem for guidance and control
purposes.

A. SELF-CONTAINED GUIDANCE AND CONTROL

In terms of hardware, the self-contained guidance and control ays-
ten consists of the following:

1. Sensors

a. Pulse radar altimeter

A pulse radar altimeter, for measuring the distance from the
satellite to the surface of the earth. The radar Is programmed to
operate only over sea level water surfaces.

b. Tracking telescopes

A system of five tracking telescopes which provide a yaw error
orientation signal and the times of occultation of certain preselected
stars.

c. IR system

An IR (infrared) system of four separate detectors which tracks the
local earth vertical and provides pitch and roll error signals used in
the attitude control and stabilization system.

d. Itat. gyros

A system of three rate gyros, ubed in the orbit keeping system.

i:R 116t,
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2. Support Instrumentation

Thee support instrumentation includes a general purpnce digital
computer, a basic electrical power-system, an accurate time reference
andprogrammer and servo systems asrociatcd with the propulsion"
system anfd star trackers. ' ..

B. SYSTEM OPERATION

The star tracking system is aligned prior to launch so that the
preselected celestial references will lay approximatel# within the
field of view of'the tracking telescopes at the-termination of the'boost
period. The payload is nearly in a horixontal position relative to the
earth at boost termination. Also, -the-guidance system accuracies are
not expectedto be so large that the trackingtelescopes will not be able,
to acquire the preselected stars. The attitude reference system in-the
boost vehicle can be used as a source of iuformatioh to update the
tracking telescope platform, and if necessary, a search mode can be
built into the tracking telescopes forinitial acquisition of the preselect-
ed stars. Since the basic electrical power comes from a silicon solar
cell system, the launch is timed so that the vehicle is in sunlight Ft
the termination of upper stage boost.

1. Upper Stage Guidance Termination

Just prior to separation from the boost vehicle, the power system.
the computer, the IR system and attitude control system in the payload
vehicle are turned on (with attitude correction signals being generated
but not used until separation occurs). At the same time. protective
coverings over the IR system, the radar altimeter antenna, the star
tracking system and the solar cell area of the power system are cast
off. A timing signal in the boost vehicle then generates a "time-to-go"
signal which Is ubed in the payload vehicle to fire the main engine
(which will place the vehicle in the parking orbit). Separation of the
boost and payload vehicles is executed and the attitude control system
error signals, which have not been used to this point in time,
now begin to operate the thrust nozzles. This action will prevent loss
of orientation which might occur as a result of the separation process.
The IR system is fixed in the vehicle, as is the radar antenna, so that
the pitch and roll error signals now command the attitude (pitch and
roll)control system to erect the vehicle to the local vertical. The yaw
error signals from the star trackers are used to maintain the boost
guidance azimuth direction so that the vehicle arrives at apogee of the
transfer ellipse with the vehicle erected to the local vertical (the pitch
and roll axes are perpendicular to the local vertical) as defined by the
IR system. The azimuthil direction of the vehicle at apogee is deter-
mined by the boost vehicle guidance and should coincide with the

ER 11647



Itprecomputed ditection set into the star tracking system. The inain
propulsion sysitem is ignited --placing tnevebicle onma parking orbit
(it islthe'intent-that this orbitbIe nier circulanr nit an altitude of per-
haps 400D naut mi); '16 'general, A circn'iar orinit'will not'be reanlized.
Thisproblem Is coisideredin SectionA.

.Parkinl[and- Final Orbits

While in the par-king orbit. the attitude control system continues to
operate. maintaining thne veticle attituide so that tihe It system and the
radar antenna are aiw,,ys looking along-the local vertical. The vehicle
is tracked by earth-based btations to determine the orbit andi a time
for transfer to the finial orbit is iprendicted. This requirement arises
from the need to fit fte vehicle into ft" overall pattern of satellites.
On receipt or a signal from the tracking stion, tine main engine i.,
ignited, placing tine vehiclc on a t rannsfer orbint A nth apogee ait lie flinal
orbit altitude (approximately 5600 mtaui nli). Ilie geometry of launci.,
transfer orbit and finai orbit is, shown in Fig. 1ll- 1. D~uring tine co.st-
to-apogee period, tife vehicle aittitudne is inna innia ni. withn tine pitch and
roll axes perpendicular to tine local vertical aind %-.itli tie vehnicle
azimiuthn attitude indnicated by tine star tracking system. In addition,
tine optical field ol vie%% of the It system Is automaitically redunedn to
compensate for tine smaller angle snihiendent by, tie earth; at tile higher
altitunte. A signal is reqniired to ignite tine nmain Inroininiion systemt at
the time of apogee of the transfer orbnit. Th;,is Innjnotnaniy mo;st easily
accompnlishned by estimating an early time of apnogee in advan ,e. un.
lug on tine randar, aind firing tine main propulsion system %%hien tine
vehicle passes thnronughn tine prescribed nltitunie. In tine event thne vehicle
fa iis to reacn tine iesrent altituide, the ftiring of tine main propunlslon
systenm %oniln occmnr %4hen thne radar measnrenents Initcate i maximum
rantar tinge ias been reachnent. The radar is tuirnedt off at tine time tine
main propnulsion system fires, and tine manin pnronlnsiun systen) is cast
off at tine end of burning.

3.OperationalSequene

In tine final orinit, tine soelece of opnerantion for tine totanl system is
controlled by a pnredtetermine" program of sA itchning flinp radar on aind
off. Tine ratio of sea level wanter snirfaice to land surface Ins large
enough ho that thne firing can lie pnreset !nto the computer, thius enmsur-
ing that tine radar only meanninres altituine over sea level water stir-
faces. Turning on of ftne radar automatically initiates a sequnenice of
recording and averaging randar readings ovenr pnreselected time inter-
vals, r-con ding occultation times of inreseleted 8tars and orbit com-
putations . Tine recording of data will continuie tinrouigh four star oceni-
tations witn the radar operating onily a small fraction of tis time.
Tine orbit computation Is signaled by tine reurordiing of lte foturth
occultation. Also, tine term inatin of tim' orit conmpnutat ion initiates

Flit I 164 7
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Fig. 111-1. Launch. Parking and Final Orbit Geometry
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orbit correction. If the series of measurements, computations and
corrections require a-longer,interval of time (than is available from
-the, programmed turn-on of the, r dar), then'the program for turning
onthe radar is over ridden to the inxt nfiearest point in~tine. The,
sequence of recording. computation and correcting is repeatedwhen,
the radar is again turned on.

4. Orbit Computation

The computation of the elements of the.orbit is based on the use of
a combination of radar altitude and star occultation time data. The
planarrelements (i.e., the semimajor axis. the eccentricity and the
time of, perigee passage) are to be determined fromradar data and
time. The out-of-plane elemints (i.e., the inclinatlo," thelongitude
of the ascending node and the argument of perigee) are to bedeter-
mined from the star occultation time recordings.

Computation of the in-plane parameters Is considered first.
Previous work (ER 11439-3? completed under this contract has con-
sidered the problem of obtaining a least squares orbit from an excess
of radar altitude- -time data (which applies here). If the eccentricity

of the orbit is small (e
4  

I), the radius time relation can be written.

r-a(l -e 2 ) (I 1+e (cosM+e(cos2M-l)

+e 2  (cos 3M - cos M)

(1)
+ e ( * cos 4%1 - coo 22O))

where
N, #F -"312 (t _ t p

In order to expand Eq (1) in a Taylor's series, several partial deriva.
tives are required.

e Jo -1 ~ sin M+ 2..2M

+9 a e2 3 sin 3M - sin M] (2)
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8z - Ie21 ai (1 - enl1
+7 $4 -4 2&e-c)M

[ it+2 sin 2iM

T1,3sin 3M - sin M) (4),

T~ (4 sin 4M -2 sn M)]
Then the planar, elements satisfying a least squares fit of the(rk, tk)
data can be obtained in the following form:

1 3 r A - krksl mk Yk

I I
nk k rkI Mk nk'

A Yk * krk'I/ nk 2 (6

k 2 r T I

k\ k *k k k



(7)P~.i ink Iink 2  nkr,

whre ~ iklk Nrk'fkIz~r
k IZ

wh~ri ,4 -<< I

k 2 !k'k knik

fk'k Ink 2 M

*n 
2  

3 enM
k env {3in.M + 2e n sin 2M

+ 9 2 (c in 3M - sin M) 
( c

In ~s~ a. n n _ aM)
nk " -T D" ) Co + 2 e in (s2M 1

r en2 (3 .1. 3M sin M) + (4

D al en cos M+en2 (co 2M - )+ n3 9( c o o 3M-coo M)
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an (I.an (1 - e )
* ' " " '

It is expected that the computation time fo". the least iquaren esti-
mates of the "in-plane" orbit parameters wuuld take only a few minutes.
Stored values of the desired orbit, elements &-ud be used'In the compu-
tationb outlined above.

The orbital plane orientation eltments (i. e;. the inclination the
argument of perigee and the longitude of the ascending node) are cal-
cilateW from*notin the time atwhich certain p rielected saars are
occulted by the earth and aurrounding atmosphere. The upper limit
of the occulting surface is' knowne toan accuracy of approximately
lmi, so that the occulting surface takes the form of a cylinder with
known radius for all practical purposes.

The time of occultation Is defined to be that time when light from
the star being tracked is refracted by a predetermined small amount.
At the time of occultation the vehicle i simultaneously located on the
occulting surface in a trajectory defined by the relation

r a ( -e2)
I + e Ceo.% t

r . radial distance of the satellite from the center of the earth

au semimajor axis of the orbit

e eccentricity of the orbit

6 u angular distance of the vehicle from the line of apsides.

It has been shown* that at the time of occultation the following
equation holds:

e (WADD Technical Report 61-78 December. 1960)

ER 11647



I III-9

R! "R2 " 2 8k [cos
2 (A + w) cos

2 (%" )

+ in2 (O+ c) cos 2 i sin2 (ak ))

in 6k sin2 i S (U+ 2 02 k" O i Cog 0 4- ) Sn(

+ [2cos 2 akcos iCOs(O "i)si' (e+.s)) X

cos (ak - 11) sin (ak -

+[ 2co 6ksin6kin cos(6+)) x

Sin (64 W) COS (Clk - M

* 2 cos s iin 6k i sin
2 (0 + w) sin (&k -S)

where

rk* M(-es)

a * semi major axis of the orbit, known from the radar
measurements

e - orbit eccentrtcity. known from the radar measurements

r a radius of the occulting surface (known)

* declination of the occulted star, known from computer
storage

k right ascension of occulted star, known from computer
storage

6 true anomaly, known from radar data processing

i. 0, 0 the inclination, argument of perigee and longitude of
the ascending node, recpectively. These are the un-
known quantities.
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It is evident that a measurement of the time of egress and the
time of ingress of a single star, plus a measurement of either the
time of ingress or time of egress of our additional atr, will supply
three equations in the required three unknowns (pr6 -ided the orbit is
noncircular). The measurement of the time of ingress and time of
egress of three different scare woulc of course, supply mix equations
which could be used to determine the orbital elements.

5. Manuevers lor Orbit Correction

The orbital correction system employs a set of six rocket motors
fixed to the satellite structure in such a manner that two motors are
aligned along each of the body axes (one forward and one aft). The
alignment of the thrust vector for the various maneuvers Is accomp-
lished by vectorlally adding three components (monitored by an inte-
grating accelerometer on each axis) which are known with respect to
a local ve-tical coordinate system.

This type of system has several advantages over one Ln which the
vehicle remains stationary while the engines are gimbaled or one in
which the vehicle attitude is changed to position the thrust of a single
motor. Most of these advantages arise from the fact that this approach
requires no complex mechanical arrangemeAts, does not produce large
disturbing moments during thrust periods, and is capable of reversing
the direction of any thrust component in a simple manner in the shortest
time possible. These advantages make the system Ideally suited for
this mission as defined in the previous discussions.

a. Orbita'l corrections

Two means of making orbital corrections have been investigated.
These are:

(I) Independent adjuntment of each orbital element.

(2) Linear differc-ntial corrections.

,he first of these schemes has bten devised for the general case
of orbital corrections in which the co,.rections are relatively large and
the orbit of arbitrary nature (arbitr.ry in the sense that the elements
can be varied from one problem to another). This routine has also
been successfully employed for the small correction; however, there
are more simple routines which can be utilized under these conditions.
A sequencing routimn has also been devised to minimize the amount of
energy required if more than one adjustment is required. This tech-
nique for corrections will be investigated further for the range of
orbital altitudes invloved in the study, and numcricals results showing
the effects of finite burning time will be generated.
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If the maneuvers are small, the remaining scheme is adequate
from the standpoint of agreement with the desired motion. This tech-
nique uses a reference trajectory defined prior to launch, or deter-
mined at some time before transferring from ths parking orbit, and
determines the partial derivatives of the various orbital elements with
respect to the controlled parameters. A matrix of these error coef-
ficients and the measured deviations at some time are used to define
the corrections required. This procedure has been checked out and
has proved to reduce the magnitude of the uncorrected error to near
negligible proportions for the cases In which the deviations from the
reference orbit are small (on the order of 40 ml or less the x, y and
z coordinates). Tne computations required in this routine are simple.
and only sine and cosine functions need be madc available in addition
to the stored constants. Thus, it is possible to utilize a reasonably
simple computer. This routinp was investigated in additional detail
for a variety of ascent trajectories to provide mideourse guidance data
for the range of trajectories considered. The results of these cor-
rections were compared to both the reference trajectory and the un-
corrected trajectory to show the Accuracy of the scheme.

Another approach to station keeping where extreme precision in
position determination is desired Nes been formulated based on the equa-
tions of motion written in a rotating coordinate system centered in a
circular orbit which is regressing at a uniform rate about the equator.
Al large accelerations have thus been eliminated from the equations,
making it possthte to study motions which are generally neglectod pro-
vided that thd displacements do not get larger than those assumed in
the formulation of the equations (approximately 50, 000 it). The terms
of these equations which have been considered pertain to the motion
about an oblate spheroid in the absence of other accelerations
(gravitational. atmospheric, meteroric, etc.). Thrust terms have,of
course.been added in order that control schemes can be investigated.
These equations have an additional desirable feature in that aince the
displacements are small, the reference system is essentially equiv-
alent to a vehicle-centered local vertical system. The thrust compo-
nents required to produce the desired motion are thus those as seen
by the vehsicle. These equatioas are:

Equations of Motion

Accelerations

V. • c l sinWot - [al+b 1 cos2,wot] x-a 1 2 sinwo t y)

-b 1 2 cos W0t (y) - a 13 cos Wet (z) - b 13 sin Wet W
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S. 2 sin 2 w0 t - a2 sint() - b 21 cos wot (X)

22 + b22 cos 2 wtOl Y-23 b23 sn2w-% . b c o ] y - a23 C ) " b s i 2w ot (a)

- 0  In t]
" c 3 + d3 cos 2 w 0t - a3 1 cos w0t 1i) - b3 1 sin ot x)

a320)b32sin 2 wot (y)- [. 3 3 +b 3 3 cos2wot] z

Velocities t

0 + 
( x dt

vdT2
9' - o +:Y dt

dt

Displacements

o 0

Y ~ ~ d R o
+ yd •x+2z

-t
z= o+ so dt

~ t

0

dt 4
zaZn +o dt
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I

Coefficients
•11 = *wo0 (1 - L5 n2 1)

a12 ' 2 woo sin t

f13 a 12
b ll • 40 2  

a l

2b 2  o.2 sini (~ -3 ci

b1 3 "-15w02casinIcost-b 1 2

c, Rc b1 2

02 TRc bl,3o,- 2. o 1. (- 3.sn 2,) 4,$o., t 4
* -a1 2

*22 3
C

b1 2 +b b13b21 --- w-

b2 2 IT bIlI

b2 3 "ebl

a3 1 'a 1 2
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a3 2  a 23

'3 3o [ 2(1 3 ini 4c i+ ]

4b3 l "T(b 12 +b13)1 4b 21

b3 2 ' b23

12b33 * - -rbll

d3

Definitions

x, y. z position coordinates relative to a rotating reference
system in a circular orbit which is regressing at a
constant rate about the equator (it) (N normal to or-
bital plane; z along the radius; y along the velocity
vector)

.0 the rotational rate of the coordinate system about

the earth m 1.4077 x10 16

Rc the radius relative to the center of the earth of thedesired circular orbit (it)

R distance from the origin (it)

R range rate relative to origin (fps)

Tx, Ty, T2  thrust components in the specified coordinate sys-tem (ib)

mo  the initial mass of the vehicle (irlugs)

rn the mass rate due to burning propellant
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tb the total burning time of rocket motors (sec)

a 
1. 574 x10-

0 ~1. 365 x1-

Y ~4.722(l - 5sin2 )x1-

C. THE DEVELOPMENT OF A COMPUTER PROGRAM

To define the requirements for the control system and evaluate
several simple control laws. the preceding set of equations has been
prog-ramined for the analog computer. This approach is possible due
to the fact that the positiona and velocities defined by the equations are
P~nall and changirg slowly,. However, because analog equipment is
limited in accuiracy to approximately three significant figures, several
simplifications to the equations can be made based upon the evaluation
of the coefficients for this particular orbit and a knowledge of the maxi-
mum value of R and V. These coefficients are:

a 1 0.8$516 x 10-

al?, a 0. 6505 X10-

a13 u 0.6505 X1-

b 1 3.351 x 10 1

b 12 " 2.781:x1"1

b1 -9.478:x 10 1

c 0. 1526 x 10"5

C2 7.357:x1'

c$.-0. 0119 x10
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*21 i -0.6505 x In
7

*22 U 0.0022x 10-
11

a23 0 -0. 58 6 x 10
-3

b21 - -1.896 x 10
11

b2 2 ' 2.Oll x10
"
i

b 5.362x 1011

a31 " -0.6505x 10
-7

a32 " 0.5836 x 10
-3

a33 " 2. 555x 10
7

b31 U -7.582x 10-
11

b 32 5. 362x 10
"11

b33 U -8.043 x 10-11

d 3  - -11. 066 x 10
4

where

Ro  - 5.488164 x 10
7

o 0.291824 x 10'
3

i - 54.7360

O. 7866 x 10-
4
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From these data it is immediately apparent that, to the first order, all
coefficients in the equations of motion except a,1 , a23 , a3 2, a3 3, c , '

c 2, c 3 and d3 are negligible.

The equipment utilized for this problem is listed below:

13 integrators

22 summers

23 Inverters

53 attenuators

2 GEDA multipliers (1 used for division and square root)

I diode multiplier

5 servo multipliers (2 used for division and square root)

9 relays

The results of this computer program are contained in work previ-
ously completed* under this contract, and they indicate that the present
approach to the orbital correction problem in feasible.

D. CONTROL LAWS

Many techniques can be envisioned for varying the magnitude and
direction of the thrust vector to produce the desired motion. However,
for the purpose of this study, use will be made of the fact that if the
displacements are small, the distance from the origin will vary in an
approximate linear manner. Thus, there are two types of corrections:
one to cancel the vplocity components and one to produce motion toward
the desired point. The thrust componentp for these maneuvers are:

Ts . To  -
V

ER 11439-3 "Orbital Guidance Systems Study," November 1960.
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where

S - x, y or z.

These thrust components may be combined if appropriate restrictions
are added to define when each will be employed. The restriction uti-
lized t'these studies was that, should the vehicle be moving (or start
moving) toward the origin in any component of position (i.e., the sign
of S and t are different), velocity canceling component of thrust
is neglected to save energy. Thus,

Ts *T + to produce motion if the signs of S and

T. Ij are[ the same

or

Ts TO  i to produce motion when the sign of S 0
.]. the sign of

T. To [] to cancel velocity in the different directions

One special note is required in discussion of these figures since
investigation of them discloses that the function y (i.e., the displace-
ment in the orbital plane along the normal to the radius) is diverging
at the rate of approximately 0. 1 fps on the average. This is the result
of two conditions. Firut, the earth's oblateness produces the term c 2

sin 2 t in the equ ' ion lor y. The cont ibution of this term is illustrated
in the following sketches.

E
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This motion can be envisioned to be the result of a period error due to
the earthts oblateness. Since the origin continues to rotate at the pre-
scribed rate, the result is drift. However, the major portion of this
drift war included in the motion of the origini thus it appears that this
drift was in part, if not completely, the result of something else.

The second contribution to the drift is the result of loss of numeri-
cal significance. Since the motion is only approximately 2000 ft per

revolution, the error in the orbital period is only I part in 0.6 x 105.
This error could result from two factors, dropping terms for simpli-
ficatlon or in the computational routines themselves from noise. How-
ever, since the degree to which the runs could be repeated was good,
it is more probable that simplification resulted in slight errors.

One extension to these laws is necessary to make their evaluation
more meaningful: the inclusion of the effects of errors in the position
of the vehicle or the origin, and the effects of errors in the attitude of
the vehicle during thrusting periods. Since each of these errors will
be reflected in the same manner, the following laws for directing the
thrust have been studied.

T - TO [S+4 S+ 61

or

a* To 1

T * To 1S7J

where the same restrictions previously noted are valid. These errors
can be constants or may be generated (when needed) as functions of
time, position etc., if desire.
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IV. SUISYSTEM'DESCRIPTION'

A. HADIAR ALTIMETER

1. Introduction

The radar system propo~sed for performance of satellite altimeter
funcitions must be capable ofoperAting ime'full yeairwithiout maintenance
or-iadjusttmcht. This requires thttmtaximnim reliability and stability
be'inctirporatvd in the design of-the q'ystetin along with OWb added con-
sideration of minimum power consumption. As a reault 'of (t.tv tze-

r.is tasistors, didsad 1 rts

*rhe *eight objective or this radar altimeter-is 60 Ilb which includes

thle iarahiolic antentn, The estimated.power cons ,umptionis noteixpected
to exceed 150 w'atts. Thislow ;sower consumption isachieved by maxi-
mumi iu.c of solid-state components. A block diagram of the rad'ar
attimeter Is shlown III Fig.- IV-I

Symtet Design

The ;iurpose, of the radar altimeter is, to provide an orbiting satellite
with'accuvati. altitude (lata- to'the ear tl. 'ite altimeter design, based
on-,radar principles. will meet at range-necuraey requirement of,0.l
mi and providle the reliability 6ndstability char'acteristics required
tensure one-year of mainte~nance free operation. Thte rige-accuracy

requiremen iI 'lalymt by selecting a tranamitted~pulse width
which correslionds' to the 'permtissible' range error. -Far-thi radar,
the selected'plulite widtl. is 'l.O ,s sec. Another 'design'factor that must-
be considered is; the altitude of operations. When anantetina beam is
originated at great distances and projecited on the surfacei of the earth.,
the projected area becomes quite large. Normally the~earth is considered
a fiat plate for radar altimeter n pl cations4;'hoiever.,when the beami
iw'projected from~ retlsac.-t maIto8 large that the earth'p
curvature must be ctnint-redfwhen dectermining'altitudde accuracy.

Since the- projected area Is a function of-antennahbeamwidth. the
rainging'accu racy is4 not onsly 'a function of pulhe duration but also de-
pendent on the antenna 6eamwidth. Figure IV- 2 shows-the earth'scturvit-
,tare , irror as a' function of antenna bcamwidth, andif -this error is kept
within the polse duration fieriod, a beamnwidth of, 'approximately 0.54'
is,'requiredto meet,tliis condition.
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IV-3:

a. Antenna beamwidth

The requirement to obtain a narrow beamwidth now becomes a
prime consideration in the design of this radar altimeter. Two methods
whereby a narrow beamwidth may be obtained are: (1) using a large
antenna and low f'rcquency (X band) and (2) using a small antenna and
high frequency (Ka band). For satellite applications, it is necessary
to keep the antenna a reasonablc size becuuse it will be carried within
the satellite during launch. Tle antenna sizes investigated were 30 to
60 in. in diameter. From the resulting beamwidths shown in Fig. IV-3
it can he seen that the Ku -frequency band gives the smallest beamwidths.

By referring to Fig. IV-2. it can be determined that the maximum permis-
sIle beam is 0. 54". Also, Fig. IV-3 shows that in order to obtain a
beamwidth of 0.54 or less, one must o.ernte at K band with an antennaa
diameter of at least 43 in.

b. Antenna gain

Simultaneously with the itivestigation of antenna beamwidths, antenna
gain wais ,,lculated for X. Ku and Ka band frequencies (Fig. IV-4). An

examination of Fig. IV-4 will reveal that Ka band gives at least 6 db" gain
over KU band and II dl over X band. Thim can bi stated on a power

)asis with Ka band requiring 114 the power of Ku and M!126 the power
of X band.

Considering the fact that a 0.54" beanawidth is required to meet the
U.l-mi sa'uracy requirements and ti, maintain a reasonable antenna
size, the Ka band is selected as the oiperating frequency for the radar

altimeter. The antenna diameter is 48 in. to obtain the maximum guin
(50.3 db) for sa reasonable si.e, :,rit4.mm,. The rf sultant beamwidth is
0.5" and the earth's curvature error is within the pulse width.

c. The Ka band environment performance

A detailed study was made to determine the environmental effects
(such as weather, atmosphere and target characteristics) upon the
propagation characteristics at K a band. A survey of available literature

in this field was conducted with the result that several recent findingx
have made the use of Ka band very attractive. Reference I contains an

article on atmospheric absorption along with a summary and bibli-
ography of the major effort conducted in this area to 1961. Figure IV-5
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shows the total attenuation for one-way transmission through the
atmosphere (produced from data In Ref. I). also, a summary of the
available experimental data and theoretical predictions. From this
illustration it can be seen that the total two-way transmission loss
through the atmosphere is about 0.5 db for Ka band, as compared to
negligible losses at X band. This case is for the vertical trans-
mission path (0 * 0) where the energy propagation distance Is the
shortest propagation distance through the atmosphere. Figure IVo5 also
shows that attenuation is not especially critical to the angle of entry
up to angles of 60%, The radar altimeter will operate with a nominal
00 angle of entry with very small divergences.

Another area studied was the target reflection characteristics.
In this application the radar altimeter will only be operated over water.
Radar ranging over land is not practical due to the unknown land
elevations which would result In altitude errors. The back scattering
from water and several land terrains have been measured at X, Ku
and Ka bands using vertical polarizations by the Naval Research

Laboratory and are reported in Refs. 2 and 3. The average radar cross
section of water echo per unit area of the surface, a, is plotted as a
function of frequency for angles of incidence of 0" and 5' (Fig. IV-6). It
can be seen that the effective Ka band reflectivity is 10 db greater than
the effective X band reflectivity. This effective gain at Ka band is not
adversely affected by winds that cause the speed and magnitudes of

the waves to change.

d. Summation of gains

In the pre .eding paragraphs the various factors affecting gain (such
as frequency, antenna size. atmospheric attenuation and back scatter)
were discussed. A tabulation of these gains are presented below with
dimensional gains referenced to operation utilizing a 48-in. diameter
antenna.

Frequency

X Ku Ka

Antenna gain db +38.9 443.8 +50.3

back scatter db + 4.0 + 7.3 +14.O
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Fig. V-6. Back Scattering of Water As a Function of Frequency
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Atmospheric1
attenuation db 0 - 0.3 - 0.5

Total db +42.9 +50.8 +63.8

From the above summary it can be seen that operation at K. band
provides 21 -db mure gain than X band. Since Ka band is the only fre-

queney band producing a beomwidth sufficient to maintain a 0.1 -mi range
accuracy and since a 21-db gain is provided above X band, it is concluded
that the radar altimeter operate at Ka band. Other factors affecting

radar performance (such as receiver noise figure, signal-to- noise re-
quirements, plumbing losses, radome losses and degradation due to
operation) v ill be covered in subsequent paragraphs.

3. Radar flange Performance

The expression for radar range used for preliminary design includes
the relationship of transmitter pulse power, antenna gain. wave length.
pulse length, pulse repetition rate. receiver noise figure and target size.
The expression used i,

a , P44 T GOI_ ! (PRF)
max 5. . .. . At. naut mi

where

1 T  - peak power, watts

Go  . ratio, gain over isotropic

x - wave length. meters

PRF - pulse re,jetition frequency, cps

N - noise factor ratio

AE * effective area. square meters

• pulse width, microseconds
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This expression has been developed for an antenna beam that is fixed
relative to the target (i.e., senrch/ighting), an is the casc of the radar
altimeter.

Since the orbiting altitude of the radar altimeter will be at least
6000 mi (5210 naut ml). the system must be capable of providing this
range. The following design factors have been selected for this radar.

GO  = 50.db- 1.07 x 105

X - 0.86 cm - 8.6 x 10 . 3 
meters

T = I x 10. 6 
sec

PRF - 15 pulbes/lec

NF 10.5

A E  * 61.5 x 108 
sqm

Rearranging the range equation to solve for PT;

R NRmaxPT m
(5.44) 4 

G2 
X 2 1 (PRF) E

P * (5210)
4 11.2

T (5.44)4 (1.07 x 105) (8.6 x 10"3)2 (1 x 10- s) (15)' / (61.5 x 108

PT = 740 watts

To the abuve transmitted powcr the following losses and gains must be

added.

Losses:

Propagation 0.5 db

Plumbing 31.2
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SIN ratio 17.0

one-year degradation 10.0

30,7 db

Gain:

Back scatter 14.0 db

Net gain - losses (-30.7) + gain (+14.0) - -16.7 db * 46

Required transmitted peak jxaer becomes

T x 740 watts x 46

P T ' 36 kw (peak power)

Thus it is shown that a K aband radar, transmitting 36 kw of peak

power, is capable of performing the satellite radar altneter mission.
The nominal transmitted power that the radar will use is based on avail-
able magnetrons. The magnetron selected for this altimeter, Sylvania
5789, transmitting 40 kw, has an acceptable reliability and performance
hibto..

4. Modulator Design

The modulator determines the waveform and the power of the output
pulse released through the magnetron. Basically. the modulator con-
9.stq of the high-voltage power supply, the charging network, the pulse-
forming netuork, the di:scharge circuit and the pulse transformer (Fig. IV-7).
Reference 4 was used to hell) determine these modulator components.

One of the unusual characteristics of the modulator (Fig. IV-7) is that it
uses resistance charging for stnring energy In the pulse-forming net-
work. This charging method was selected because of the low-pulse repeti-
tion frequency required by the long range between the satellite and earth.
Traditionally, airborne modulators have used inductance resonance charg-
iig tL obtain high charging efficiencies (ove- 900). However, to obtain
resonance charging at low pulse repetition frequencies, an inductance
that is prohibitlve in size is required an.o consequently resistance charg-
ing must be used. The efficiency of resistance charging can be a maxi-
mum of only 50%.
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a. Voltage on the pulse-forming network and thp 'Rwitch

The discharging efficiency. nd, is assumed to be 75%, the peak for-

ward pulse-forming network voltaye is

V 4 Z N I',

VN aVi nd

ZN 2 Impedance of pulse-fornming nvtwork

P1  2 pulsC power in the load

nd = discharging efficiency

VN i 2 x 102.1 6 kv

This voltage is well within the specifications of the BOMAC 5959
hydrogen thyratron tube which has been selected as the switch. Another
switching method investigated was the rotary spark gap. The attrac-
tive feature of this switch was the low power consumption and no re-
quirement for warmup. However, the rotary spark gap was not selected
at this time because of the difficulty of adapting it in applications
requiring cirtight enclosure..

b. Capacitance of pulse-forming network

The approximate pulse-forming network capacitance is given by

C N  -Z
-

N

pulse width

ZP;* impedance of pulhe forming network

10-6CN ' 73W . 10,000 tAAf
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c. Charging resistor

The requirement on the series-resistance isolating element in this
charging circuit is simply that it must be large enough to allow only
negligible current to be taken from the power supply during the pulse
and the deionizing time for the switch, but not so large that the i.C-time
constant becomes comparable to the interpulse interval. To get the
highest network voltage from a given power supply voltage with this
arrangement, the length of the interpulse interval should be several
times greater than the RC-tine constant in the charging circuit. The
interpulse interval is 62 ms and a time constant of 6.2 ms is selected
to obtain a high network voltage. The maximum efficiency of the resist-
ance charging is 50%.

TC  R C C N

TC C time constant

HC  = charging resistance

CN  = pulse-forming network capacitance

TC .6.2 x 10 3
z6000om

RC " 620.000 ohms

d. Shunt-diode circuit

In order to maintain a constant peak forward voltage on the network
after an accidental short circuit in the load, it is necessary to dissipate,
as raoidly as possible, the inverse voltage left on the network by means
of a shunt-diode circuit across the network. For maximum effectiveness.
the time constant of the network capacitance and resistance of the shunt
circuit should be at, small as possible %hen compared with the charging

period. Since TC . 6.2 x 10- 3 sec. the time constant of the shunt-diode

circuit (TS) is selected Ps 6.2 x 10. 5 sec because the circuit is generally

effective when its time constant is 1% of the charging time.

R SRS  ( , N
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TS = time constant of the shunt-diode.

RS = resistance of shunt-diode circuit.

CN = capacitance of pulse-forming network.

TS 6.2 x 10 .

S-6200ohms

This protective ci-cuit would consist of the shunt resistor with a
stack of diode rcctifiers. The maximum rating in the diode rectifiers
would not be exceeded because, for a peak inverse voltage of 6.2 kv,
the peak current after a complete short circuit Is 620011300 = 4.8
amps. The full current will persist for seeral Asec and then quickly
be reduced. For longer short-circuit current periods, the protective
relay circuit will be energized and will remove the excess dissipation.

e. Power supply

The power suppl) is designed as a standard full-wave rectifier with
a choke input filter to minimize the effect of the input voltage wave-
form on the pulser output. The d-c voltage required for normal operation
can be arrived at by the use of an estimated charging ratio of 1.0 for
resistanice charging.

Ebb ' r .y. 6 kv
Reh

Ebb ' high voltage supply

VIN  x voltage on pulse-forming network

Rch a charging ratio

The dverage current from the power supply is approximately

iCavg

Ebb nd
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P1  - pulse power in the load

E bb 'high voltage supply

n discharging efficiency

ne .charging circuit efficiency

I c .- 122m
ag 6x10 (0.75) (0,5)

f. Hold-off diode

The maximam exptted peak .urrent through the charging circuit

a pk= 1.4 x 10-
pk C .M x '0 x 15

g. Protection

Protection againstt short L ir( uit% in the load is noti nall) achieved
b) the shunt-diode circuit, %hi( h prevents dangerous overvoltage on
an pulser (unpoiet awld keepts the average current very nearly con-
stant. For prolonged short circuits, it is desirable either to turn off
the pulser, or to change its output from high to low power. Since the
largest curi cnt change rebiiltIrIg ft im a fault occurs in the shunt-diode
circuit, a pjrotctive' I Cla) is u:.ed in this cit cuit. Also, a thermal re-
ia) Was sVIlted for this function h~ec.nu~e of its long operating delay.
A restartinu c~cle % ill bt intoditred ito increase the power-ott in pro-
gressive steps until full power is achieved.

h. Pulse transformier

The pulse transformer is used to reduce the maximum working
voltage that is necessary and makes the switching problem easfer
which results in weight saving, simplifies design and increases reli-
ability. The pulse tran.Coi mer ini this modulator will increase the
working voltage from 6 to 12 kv.
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i. Pulse-forming network

The pulse-forming network serves the dual purpose of storing
exactly the amount of energy required in a single pulse and discharging
this energy into the magnetron in the form of a pulse whose shape is
controlled by the magnetron's characteristics. The energy is stored
in a combination of three inductances and capacitors to produce a
pulse width of 1.0 usec. The rise time, overshoot, ripple and decay
time will be controlled to generate the pulse shape that will contribute
to maximum magnetron life, stability and spectrum output.

J. Pulse repetition frequency generator

The pulse repetitio, frequency (prf) is based on the range at which
the radar is to be used. For this application, the range is 6000 ml with
a 15 prf. These pulses will be generated by a free-running multivibrator
(Fig. IV-7), the output of which will trigger the controlled rectifier into a
conducting stage. This will permit the thyratron to conduct and dis-
charge the energy stored in the pulse-forming network.

5. Solid-State Modulator

Recent developments in modulator techniques have resulted in
solid-state modulators which operate without thyratron switching and
are reported in Ref. 5. The thyratron is replaced by a combination of
a controlled rectifier and transformers.

A basic pulse-modulator circuit is shown in Fig. IV-8. This modulator
uses reistance charging and the capacitor C1 charges up to the line

voltage. The hold-off diode prevents further discharge until th" control
device is triggered. During the charging c)cle, the saturable trans-
former T, is driven into saturation and only a negligible charge is

transferred to the t.apacltor C.2. When the controlled rectifier is

triggered, the energy stared in CI is transferred to C2 through trans-

former T I which now make, flux change. Like any magnetic "pulsator",

T I saturateb again when C1 I.i d:;-charged and C2 has reached its peak.

Similarl), the energy stored in C3 discharges through a pulse trans-

former into the magnetron. One advantage of this modulator is its capa-
bility of operating from low voltage sources (20 to 100 volts) to produce
a 12-kv pulse. Additiona! advantages are obtained by a reduction in
weight and power consumpticn and an improvement in reliability.
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All solid-stdte modulatorn have been developed and tested for radar
sets using resonant charging and high pulse repetition frequencies
(400 to 1000); however, no developmental information has been reported
for low pulse repetition frequencies, This solid-state modulator con-
cept is being investigated to determine its operational capability.
Since it provides considerable savings in power consumption, weight
and improved reliability its use is recommended if the operational
requirements can be met.

6. Receiver

a. Genetal

The specifications of the receiver signal channel are:

Mixer (double-balanced)- -Ka band. noise figure. FN  9.5 db

IF amplifier-gain * 110 db

'andwidth - 2.0 mc

Center frequency - t0 mc

Noise figure - 4.0 db

Local oscillator K band, reilex klystron.

The specifications of the receiver AFC channel are:

Mixer (double- balan.ccd)- - Ka band

if miopli ia.r ga- .- 2J} dt

tandwidth - 3.6 mc

Discriminator--thse specifications will he determined by the
frequency stability of the magnetron.

The preliminary design of the receiver has been chosen on the basis
of immediately available components. It is realized that new components
which will possibly become available in the near future would enhance
the prepent design characteristics. However, it is felt that an adequate
receiver system can be developed in three to four months (with consider-
ation given to low power consumption, low noise figure. and light weight)
using components t urrently available. Due to the desired lifetime of
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the satellite system, it will be advantageous to use the components
well below their maximum ratings. The required altimeter lifetime
of one year would indicate that if transistors, for example, were
operated at or near their maximum ratings, a degradation in reliability
will occur.

b. Mixer

The signal channel mixer and the AFC channel mixer are to be in-
corporated in one double-balanced mixer. The two channels will con-
r - of two IN-531I microwave diodes each in a MA-531 double balanced
mixer operated at K, band. The Isolation between the transmitter and
the mixer will result in a power level of 1.0 mw delivered to the mixer.
This power level is at a test frequency of 14,860 mc and the maximum
overall noise figure of the di-ides is 10.5 db. However, Fig. IV-10 shows
that at this nominal operating frequency the noise figure can be reduced
to 9.5 db. The system performance has been calculated using a noise
figure of 10.5 db.

The two mixers, one for the signal channel and one for the AFC
channel, receive their signal inputs through the duplexer and attenuator,
respectively. Both of these mixers must get their local oscillator
r-f power from the same source. It is desirable that the mixer should
absorb as much of the signal power incident upon it as possible, other-
%Ise reflected power is lost. However, with non-ideal components there
must be some power lost in the form of VSWR, The VSWR ratio for
this mixer (approximatel) 1.3) inicates a low absorption efficiency
for this component.

The mixer crystal can withstand an input power of I mw. The r-f
attenuator which is placed between the transmitter and the mixer must
have a very large attenuation. This attenuation is computed to be 76
db, based on the peak output power of the magnetron of 40 kw. The
attenuator essentially behaves like a high-pass filter, which passes
the energy above its critical frequency. The critical or cutoff frequency
will be slightly higher than the nominal transmitted frequency of 35,000
mc. At this frequency the attenuator wili be small in size. This is
due to the fact that attenuation in decibels is proportional to length of
the element (in wave length) and this length Is adjusted to give the
required fraction of transmitted power to the mixer.

It may result that the second harmonics of the 30-mc IF frequency
are large enough to work the AFC circuits, since the attenuator is a
high-pass element. If this happens, then the local oscillator may be
locked-on at a 15-me interval Instead of the 30-mc interval (for which
the signal channel is designed). These harmonics are generated by
the transmitter, local oscillator and crystal mixer. Transmitter

l.it 11647



IV-22

harmonics may be suppressed, before the AFC signal reaches the
crystal, by the insertion of resistance strips, mode-dampening fins,
or ferrets slugs into the attenuator. In the proper orientation and
position in the guide, these act like low-pass filters in that the
harmonics are attenuated more than the fundamental component in the
transmitter pulse. However, using the double-balanced or "four-crystal"
mixer. all harmonics of even order generated in the crystals are
balances out. Similarly, any troublesome TR leakage power and
resultant transients are likewise balanced out. As the second harmonic
is the only one with a large enough amplitude to affect the AFC lock-on,
we shall not be concerned with the third harmonic and other higher
order harmonics of the odd integer type (which are not taken care of
in the balanced mixer). Even if the odd harmonics present a problem.
these will be blocked out by the low-pass filter described above.

c. Signal channel

The heart of the signal channel is the IF preamplifier and IF ampli-
fier circuits. The overall signal receiver bandwidth has been selected
as 2.0 mc on the basis of making a compromise between maximum signal-
to-noise ratio and an allowance for frequency drift. The maximum

practical signal-to-noise ratio is usually obtained at B - ---. Thus.

for maximum signal-to-noise ratio and * - lu sec. the bandwidth
would be 1.2 mc. However, the long term operation of the system
necessitateb a consideration of circuit drift due to component aging.
This is accomplished by deviating from maximum signal-to-noise
bandwidth and increabing the bandwidth to 2 mc. It may be necessary
that the bandwidth he reduced somewhat in conjunction with maintaining
the gain and bandwidth requirements of the AFC IF-amplifier. it may
also be noted, in defense of the wider bandwidth system (2 me), that it
cobts very little in minimum detectable signal and affords the advantages
of greater pulse fidelity and reduced criticalness in LO tuning and
automatic frequency control.

Ii keeping with an overall system simplicity, it is advantageous to
use synchronous single-tuned stages in the main IF amplifier as part of
the preliminary design criteria. In addition to being a simple device,
the single-tuned amplifier is the least critical of the general type am-
plifiers.
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As identical single-tuned stages are cascaded, the overall bandwidth
(measured between the 3-db points) goes down quite rapidly. The over-
all ar.dwidthi i, elated to the number of stages of amplification by the
following fu. mula. 1)

Overall bandwidth a (Bandwidth of I stage)x Y2 -I

The values of the conversion factor 21-1 I are given below, where
n represents the number of cascaded stages.

n 4 4 6 9
2 /n 1, 1 n. 0 5 1t 0.44 10 1015 0.32 0.30 0.28j
The IF stages are essentially identical through the preamplification

and postampliffiation ci rcuits. Since the received signal is essentially
of the same amplitude at all times, there seems to be no immediate
need for automatic gain control circuits at any point in the amplifier.
The omission of the AGC is one more step in the direction of simplicity
of design. This is possible due to the fact that, for this particular
application, the receiver is alwa)s at a fixed distance from the reflecting
target (earth). This means that the echo signal is always at a fixed
magnitude, hence there is no variation in received signal which might
necessitate gain control. It is important to point out that using AGC
with transistor amplifiers is not easily accomplished, due to the
charactertitts of transistors. That is. the absence of remote cutoff
characteristics results in problems in controlling gain. Among these
problems are signal-handling ability. range of control, and the sharp-
ness of the transistor characteristi change as a function of control
current (these factors are Intei related). Another factor is the low level
of power in the (.ontrol c ircuits. Additional problems are encountered
due to the temperature sensitivity of transistors. However, in an effort
to broaden the applcation .f the altimeter for other space vehicles,
it should be noted that some of these problemb may be circumvented
through the use of electrically contzollv, attenuators, having low
minimum insertion loss and operating the transistors with fixed
operating points. Although these pr oblems are critical, it is felt that
the development time would not be t onsiderably lengthened if AGC was
added.

(I) The relationship used in the case of the AFC IF amplifier is an
approximation to this exact formula and is more accurate as the
number of stages is increased. Therefore. the conversion factor

cz.'2" could be used here in place of 2 - 1.
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d. Automatic frequency control

The automatic frequency control unit consist of three sections:
(1) the IF amplifier, (2) the discriminator circuit. and (3) the d-c
amplifier and sweep circuit.

(1) IF amplifier

The number of stages of amplification will be kept at a minimum
in an effort to preserve l,)ndwidth while maintaining an adcquate level
of amplification. To -ivnid degrading the overall receiver bandwidth
below 2 me, a 6 mc single-stage IF bandwidth has been selected. This
bandwidth is wide enugh to nermit a sufficient number of stages for
required amplification. The overall bandwidth of the amplifier is
related to the number of stages and the single-stage bandwidth by the
following formula:

Overall bandwidth - Single-stage bandwidth
1.2 (n) i"

where n represents the number of stages. From the above formula
the maximum number of stages to be utilized for the AFC IF amplifier
are computed:

n Sin le-Mae bandwidth2 x 2

L Overall bandwidth J

h a [ T_ ~iJ

n 6.25

or the closest integer value less than the computed value which would
be 6. Also the max,mum number of stages to be utilized here without
degradation of bandwidth below 2 sic would be 6. However, it turns
out that 6 stages will not be necessary, as adequate gain is obtained
from fewer stages of amplification. A trade-off between gain and
bandwidth is necessary to facilitate best operation of the AFC circuit.
The IF amplifier section will be built around 2N502 transistors (or
equivalent) with an overall gain of approximately 20db. The number
of stages of IF amplification will not exceed 2,

(2) Discriminator

The output of the IF amplifier is fed into a discriminator circuit
whose peak-to-peak separation is approximately 2 mc. Since there
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Is some production variation in the maximum response frequency of
the IF amplifiers and in the crossover frequency of the discriminator
(due to manufacturing variations in the tuning coils and condensers),
provisions are usually made for the ready shifting of the crossover
point over a small interal, corresponding to the anticipated maximum
departures from design center values. Preservation of the symmetry
of the discriminator characteristics is of prime importance in the
design and performance of the discriminator network. If the dis-
criminator curve is asymmetrical, zero output is not produced at the
crossover point but at some other frequency.

It is essential to the o )eration of the discriminator that the band-
width of the pi eceding IF amplifier be broad enough so that the overall
peak-to-peak separation is not decreased from the value determined
by the main IF amplifier -equirements. In other words, the IF
amplifier must not "bottleneck" the discriminator bandwidth. This
is wh) it is necessary to make the AFC IF bandwidth 3.6 mc, which
is sufficiently large so that discriminator symmetry is unaffected.
% ith an overall bandwidth of 3.6 mc, it can be seen (overall bandwidth
equation) that a maximum ,,f 2 stages of IF amplification are required.
It should be noted that this i, in sharp contrast to the b stages
computed to be neces,ar) for :iu overall bandwidth of 2 mc.

The detection of a change of frequency by the discriminator is
accomplished bh a transformer, which by special connections, distorts
the frequenc) change into a varying voltage amplitude change. After
distortion, the output voltage of the di,.criminator will be capacitor
coupled to a two-stage % iden amplifier with low gain, which in turn
fcds into a diode-phantastrrn control circuit. Solid-state diodes
will be used in the disM rininator.

(3) D-C amplifier and kl.Nstron sweep circuit

For AFC puroobeb, it is necessary that the control circuit have a
self-triggering genet ator to start the sweeping cycle; which consists
of a linear downsweep of the plate voltage, followed by a quick recoveries
and a quiescent period while awaiting the next trigger. With the trans-
mitter turned off, the pihantaitron plate will execute a series of saw-
tooth downward sweels, separated by moderately long recovery periods.
When the transmitter is turned )in, pulses appear at the discriminator
output and the sweep will be stopped as soon as the discriminator
crossover frequency is passed. At t!' same time positive pulses ap-
pear at the output of the dibi itninator %ideo amplifier. These pulses
are coupled to ihe shunt-diode deter tor and cause it to develop a nega-
tive voltage. As soon as the voltage across the diode becomes equal to
the voltage on the phantastros control grid, the current flow in the in-
put resistance ceases and the downward sweep of the plate therefore
stops. Thus, the system is locked.
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The sweep rate of the phantastron is given by

de E - e

where

Ec - cathode voltage, de

eg a grid voltage, RMq (control)

e * plate voltage, RMS

R . shunt resistance across shunt diode

R, * input resistance to control grid

C1 - coupling capacitor between control grid and plate.

The amount of voltage that appears on the oscillator repeller is adep
function of the output resistance divider and the sweep rate, de

dt
The primf requirement of the control circuit is that the frequency shifs
in the tranqmitter must be "followed" by the local oscillator with a
sufficiently small time lag.

e. Ranging channel

The postamplication signal is taken from the receiver and fed into
a ranging channel for the purpose of computing the range from satellite
to earth. The counting circuit is initiated by a trigger pulse from the
modulator. The incoming signal from the receiver will stop the count-
Ing element. Most of the counting circuitry (which includes a clock)
will be incorporated as an integral part of the computer, which is carried
in the vehicle. This computer is described in detail in another section
of the r-Iprt.

The entire receiving system has been designed on a preliminary
basis with the idea of developing a prototype with state-of-the-art com-
ponents and present circuit design technology. Simplicity, rather than
t omplexity, is the paramount philosophy in the design of the whole sys-
tem; therefore, this same idea has been followed implicitly in the re-
ceiver design.
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7. RF Transmission System

The r-f transmibsion system will consist of standard microwavE
components which are commercially available and meet military speci-
fications. A block diagram of the r-f transmission system is shown in
Fig. IV-9. Representative components that may be purchased are listed
below.

Directional coupler- -Microwave Associates Model 662

Duplexer with 35db AFC coupler- -Microwave
Associates Model 1032A

AFC attenuator (j6db)--Microwave Assoc iatpq Model 1023E

Double-balanced mixer- -Microwave Associates Model 531C

TR tube (tunable)--Microwave Associates Model 5790

Load isolator- -Microwave Associates Model 156

Crystals (4)- -JAN IN53B

Local oscillator- -Varian Associates Model 97

All of the above components are requii ed to produce an operating
r-f transmission system with the exception of the directional coupler
which is included for measuring transmitter power output during test
and final checkout. A load isolator is inserted near the magnetron to
isolhte the magnetron from any load mismatch b% absorbing power re-
flected back toward the magnetron. The benefits that are derived from
the use of an isolator include improved magnetron spectrum, improved
AFC performance, and reduction or elimination of magnetron pullings
moding, skipping and ,Itrking.

The microwave assembly is capab tf operating in the 34,500- to
350200-mc region. The trinsmitting VSV. R will be a nominal 1.20 and
the receiving VSWR 2.00. The overall insertion loss will be approxi-
mately 3.0 db.

8. Antenna Design

The antenna is a paraboloidal reflei tor 48 in. in diameter. The
operating frequency is 3:ttiUO nit. The antenna will be designed to pro-
duce a uniform amplitude and phase distribution to obtain a maximum
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design gain of 50.3 db. The factors affecting gain will be given primary
consideration in the design of the antenna. These factors are:

(I) Dependhice of the optimum angular aperture on the feed

pattern.

42) Backlobe Interference effect.

(3) Phase-error considerations.

The beamwidth and side-lobe characteristics as well as the gain are
1e.1-A .. .- -r---..- fil,-' dihritbutlons. The antenna will be designed

to maintain low side-lobe levels, with care given to the field distribution
in regard to the discontinuity at the edge of the aperture. The antenna
will have vertical pol.arlzatlon.

9. Radome

Radomes are usually installed for aerodynamic streamlining and
protection from weather. These two factors do not exist for the radar
altimeter when r,perated in space vehirles. The operation of a radar is
considerably improved whenever it is not required to transmit through
a radome. A radome adversely affects radar operation by absorbing
some of the transmitted r-f energy incident upon it. Reduction in
range results from attenuation of the transmitted and received ignals.
In extreme cases (if sufficient reflected energy finds its way back to
the ty a.smitter). total blanking of the receiver or severe range reduction
can result. In addition, changes in the transmitted frequency due to
pulling must be followed by the automatic frequency control (AFC) in
such a way a. to maintain a constant difference between them (the IF
frequency).

Normally. the A C is strong enough in the ca.ve of a relatively stable
magnetron to follow larger frequency changes than those ordinarily pro-
duced by radomes. However. the AFC circuit involves a time constant
that may be considerably longer than the interval required for the change
caused by the radome reflection. Therefore, elimination of the satellite
radome will 1), mit full utilization oif the radar range by elimination of
radome attenuation losses (0.5 to 0.7 db). Also. elimination of radome
reflections will contribute to more stable AFC and magnetron operation.
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10. Conclusion

The KA band radar descrined in this section was compared with
the performance character'erics of Ku and X band systems. The Ka
band radar was selected for this altimeter function because it produced
the narrow beam width required to minimize the error caused by the
antenna beam projeuled on the earthis curvature. The Ku and X bands
would have required antennas with considerably larger diameters than
the Ka band system. The Ka band provides the larger amount of galn
for a given antenna diameter. The gain for a 48-inch antenna at Ka
b,. id Is 50.3 versus 39 for X band. Also, backscatter gain from water
Is considerably greater at Ka band than at thei other two bands. When
compared to X band, this backacatter gain advantage Is 10 db. How-
ever, receiver sensitivity at X bans is usually 3 db greater than K
band due to more sensitive crystals. (Fig.. IV-10). a

The selection and reliability of components at X band is admittedly
greater than at Ka band because X band has been a popular frequency
for airborne and ground-based applications. These components in-
clude the magnetron and r-f plumbing system. However, components
and subas semblies affected by the choice of operating frequency such as
the recel,ter, AFC (except the klystron) and modulator are not frequency
sensitive nor do they favcr either X or K. band. Thus, the choice 0A
frequency band is not restrictive as far as these components are con-
cerned.

There is no apparent weight or power consumption advantage by
using either frequency band because the component consuming almost
all of the power and contributing the mo.t weight Is the modulator
which Is not frequency sensitive.

The length of time the magnetron will be operated in the transmitting
mode is well below its rated lifetime. This hort operating time should
enable the magnetron to operate for the life of the sateillte. The reliabil-
ity of the entire radar system is analyzed in Section VI, Reliability
Analysis.

The overall radar system error is a combination of the location
of the target within the transmitted pulse duration and the delays
inherent in the receiver system. The error contributed by the pulse
width in 1.Ousee. The receiver delay Is normally about 0.1 p sec
for IF amplifiers using tubes. For the TV amplifier. which will be
using transistors, the IF delay may be an large as 1. 0 to 2. 0 sec.
As a result of these combined error&, it is expected that the total
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radar system range m~aauri error can be an large as 0. 3 mi.Ifowevero the overall rg.error cannot beaccurately determined
unitil the radar described inthias report Ia aujltand the'earror measured.Once the. receiver delay error &nd'ttecharactertgttce are deatermined,It will be poail toompenaate, forporliona cf-th, error and'thueobtain an errtat lessa than 0. 3 mi.

The achedules, for design. development. construction and testing ofprototype models of thia radar 4ie IAleued and 'hw nScinVI
Devyelopment Plan.hw i ecin I



R1. IR HORIZON SENSOR

One method of determining the vertical direction from a vehicle
orbiting the earth is to determine three or more points on'the,earth's
circumference as seen from the atbiting vehicle. This can be done by
locating thc earth-space interfdce 'With% one or more telescopes. Ifthis
determination is to be made both day and night, the visible portion of
the spectrum cannot be used, and JR 4infrared) iensork must bi'4sed.
These are passive devices which detect the discontinuity between the
cold spice background (approxcimately 4' K) and the much warmer earth
and Its atnosphere (approximately 315* to 300! K). The totalradiation,
from a perfect radiator (which the earth and its atmosphere closely
approach) at 220* K~js 1.33 x 1'2watts per ateradian field of view per

-cm 2-of collecting surface. while-that- from a perfCi~t radiator it 4!Kii
79 'X2.only I x 10'~ time's this, or, 1.45 x 10' atts/steradian/cm .Thua

-thor. is ani enormous dlifferecc" in radiation received as the Paw tl'
hoizon is scanned. This~ vnabl-s the earth-space discontinuity to be
located fairly accurately, so that-th* local vertical can be determined
to an accuracy of about ±0.1 Oegrpe.

An lithorizon scanner operating in the-vehicle considered here, will
be.required to aiperate over a considerable range of environmr-ntal
conditions. The unit must b,,, flnxibl' in Its look angle capabilities since

,tis,.juired-toopert-,- at altit~d-8 of 300 to 6000,naut mi. The power
Milli rMents and recliability must he compatible with the one year oper.

Mting laff. ri'ement. Tihes- requirementls place som-what contra-
dictory demandsaupon the unit in that th- variablt- altitude- riquirement
indicates a ne'.d-for avarlablQlook angl or scanning dets-ction system,
while thc-op,-rational life of one' year in a space environment Indicates
that a syst,'m vith a fixed field of view and no moving parts is desirable.
Th latter typ" of.8yatuin.-Ihaving no mnoving parts, might be expected
to nave both reducted lpowter requirements and increased reliability as,-
compared with scanning systems.

An lit horizon scanner observing the earth from a position outside
the atnmosphu-re Is rejul t-od -to detect tVie --arth as it-appears against'
.j-' K-space backg:roundi and to dircriinhtc-the earth from the jun.
Moon and stars, In the ease of these -celestial bodies the following
lists some of the major-infrared sources as well as their approximate
irradiances on the earth and theripparent temperatures.
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Irradiance

(wq /cm 2) Temperature
Ceeta Bo 3 to 13.5p (VI)

Sun 9.3'x 10'2 ' 5,jOO

Mloon (full). 1.6 X 10. 8 5,800

Saturn 5 x 10- 2 '5,800

Jupiter 1.7 X lb!" 5,800

Mars 1.7 x A0" 5,806

Venus (at brigntest) 1.1 x 10" 10 5.800'

Mercury 1.1-s 0' 10 5,$800

Sirius 9.5 X 10 -12 10,600

Betelgeuse- 3.2,x 10 1 2,810

Canopus 4.5 x 10'12 7.100

Antares 3.4 x 10 -,12 2,900

Ariturus 3.3 x 10.12 4,900

Aldeharan 2.7 x'10'12 4,300

PCintaurli U.2 x 1'12 21,-000

Except for the sun and moon It to obvious that very few of these
bodies will be observ -ed by, a system having a sensitivity lowerthan-
I x 10710 wattsl/cmn2. If spectral, filtering is included'in the equipment.
a further reduction in threshold st-nsitivity can be utilized. -For the-
5R00' K sources. tt25%of-the enfergy is of wave length 'shorter than l.8U
and over 98% of the energy is of wave length shorter than 3.2 5A. I-or
the coolest source listed above 42810' KC), 64% of the energy radiated
Is of wave length shorter than 1.8 p and tt719 j of wave'ienjgtl snorter hma
3.2 A . On the other' hand, of the radiation from the 300' K earth, only
0,02% is of wave length shorter than 3.21u. Thus a filter having a short
wave, length cutoff somewhere betwein 1.8BM and-3.2 Awould have a neg -
ligible effect on the earth radiation received, but it would virtually

elimi1nate the stars and planets as sources of radiation. Thus a sen-

sitivity of I x 107 10-to"I x IlU watts/c m2 In the 2 - to 1314 region
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appears adequate to ensure that only the sun and moon would be observed
in the space background. However, the sun can be discriminated against
by means of its brightness, and both the sun and moon can be discrim-
inated against as a result of their angular size as seen from-the orbiting
vehicle. Calculations, to determine the sensitivity required to detect

the earth with a reasonable field of view, show that I x 10 " watts/cm
is its an order of mihnitude inure sentistve than is required.

Their radiation received from the-earth will consist of: (1) reflected
and scattered sunlight, (2) emission from the earth-as modified by
atmospheric absorption and (3) emission from the atmosphere. The
earth Itself can be considered to be approximately a sphere with a
polar radius of 3420.15 naut mi and an equatorial radius of 3441.73
naut mi. iadiating as a gray body of high emissivity and a temperature
near 300' K, The causingdisctinuities.,as-the earth is~scannedby
an infrared telescope, will be hot sources and adjacent extended areas
(which are either at different temperatures or which have a different
emissivity at the spectralwave lengthra received by the obscrvn, equip-
ment). -Examples of hot sources ar( forest fires, steel furnaces, mils-
sile launches and to a lesser degre.eextended st ructures heated either
internally or externally to a temperature above the background. In the
case of forest firesthe sources will he oxtendedand in the case of the
lower orbitthls could fill the field of view. Such a source would'taive
a characteristic temiperaiure of, 1000"°F black body and could exceed the
threshold level of the equipment by as much as three orders of magni-
tude. Steel furnaces and missile launches, although more intense (2000'
to 5000' K),.are physically much smallerand will not fill the field of
view. In the case of a missile launch, the duration is short and any
effect would be transient in nature. In either of the latter cases the
change-in energy would not be sufficient to be detected by the equipment,
particularly if a filter,having a short wavo length cutoff t3 )A) Is used.

Representative of the adjacent areas which are at different tempera-
tures and/or which have different emissivitles.-are the water-land inter-
faces. Hiere,both can be extended sources and fill the field of view of the
equipment., Under these conditions the minimum discontinuity which can
be detected, thenoise equivalent temperature (NET) of the system, is
expressed ! 1T- 

X2H d l

,To D* D
2 2 )

where

T Temperature of the source
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TA a Average atmospheric transmission

AD a Detector area, in cm
2

s - Emissivity of the source

To - Average optical system transmission

ID a Specific detectivity of the detector, in cmicp#)/2/watt

D- - Collector diameter# in cm

p a Angular resolution, in radians

td a Dwell time of thedeteetor on one resolution element

2
H7 a Spectral radiance of the source, in watts/cm /cm

?, - Wave length variable.

The actual NET of a particular system will not be computed until later
when the system parameters have been determined. However, it can
be seen from the equation that observed temperature discontinuity can
be an actual temperature difference, a difference in emissivlty, or a
combination of both. Furthermore, the actual value of temperature
difference, on the ground which would be observed, will vary with
atmospheric transmission and the relative contribution of earth radia-
tion and atmospheric radiation (as modified by the selective absorption
of the atmosphere). It is evident that discontinuities, of sufficient mag-
nitude to be detected, can'exist at earth-water interfaces and can pro-
vide observable signal fluctuations. Therefore, it is necessary to make
the system sufficiently insensitive so as not to detect these discontinui-
ties.

The black body radiation from the earth will be modified by the atmos-
phere through which this radiation passes. The atmospheric absorption
bandi are dependent upon the constituents of the atmosphere. At the
lower altitudes these include: N2" 02 . CO 2 Ne, He, H, Xe, Ra, CH 4 ,

N2 0.()3 SO2' CH2( , 1 21 NH4 . CO, HDO, H20. NO, OH and NH 3 . Of
these, CO2. H20, N20 and 03 are of major importance in the absorp-

tion and reradlation of Infrared
' 
energy atwave lengths to 20 p.-

The black body IR energy radiated frontthe earth is absorbed at
selected wave lengths by these constituents of the atmosphere and re-
radiated at wave'lengths and intensities representative of the tempera-
ture'and presbure of the absorbing gas. This results in some spectral
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bands of energy (radiated by the earth) being passed with minimum,
attenuation (so-called atmospheric "windows") while other. bands of
energy are totally absorbed. In the latfer bpectral bands, the ener gy
received by the equipment outside of the atmosphere will have the form
of black body radiation of the altitude temperature where the atmosphere
is viewed as opaque. For the principal water absorption bands, this,
will be at an altitude near the tropopause,(for a standard atmosphere
this corresponds to an altitude of approximately 36.000 ft, with an ap-
parent temperature of 215' K). For other absorption bands this apparent-
temperature will vary depending on the viewing angle, which determines
the apparent attitude atwhich the atmo ,sphere becomes opaque. 'It the
altitude is 36.000 to 82,000 ft. the temperature will~be near215' K. For
lower level clotids, the radiation from the earth will e absorbed or
reflected and the radiation observed from above will have the,character-
istic of tue clouds temperature (which ma' be assumed to'be that of the
adjacent air). Thus the thermal radiation observed from above will
have an apparent temperature which can be expected to vary from ground
temperature to 215' K.

At the shorter wave lengths, reflected sunlight is a most important
source of observed energy. This energy may be reflected from the
surface of the earth or from clouds and particles in the atmosphere.
In all cases it vill have the radiation characteristics of a 6000' K black
body, asimodifi ,d by the intervening atmospiere. At wave lengths
linger than 3 I. the sunlight reflected frum clouds will be reduced by
an order of magnitude from the peak value.

Thus, in summary. an lit attitude control unit-must detect and locate
accurately the discontinuity between a 4' K background and a 215' to
300. K black bou) aft ttira., or inore poiit ,,bout the periphery of the
body. The precise position of the discontinuity detected can lie at the

.edge of the earth or-in the atmosphere, depending on the weather and
'threshold'sensitivity and bpectral band of the equipment. The maximum
altitude of the observed discontinuity for the slpctral band of interest
will be near tie tropopause, except for high altitude clouds. In the
standard atmosphere the tropopause is at 36,089 ft, but in extreme con-
ditions the actual altitude can be ashligh Ps 10 mi (comparable in height
with the maximum altitude of cumulus clouds). Thus the maximum error
in the local vertical, resulting from the uncertainty as to the location
of thue discontinuity, is less than 0.2 ,feg for the 300-mi orbit and approxi-
mately 0.05 deg for the 6000-mi orhit.

I. Current Systems

The lit horizon sensors currently developed are as follows:

(I) Scanners which sweep a 360 deg path and determine the posi-
tion of the center of the pulse, resulting from scanning the
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earth. By using two such scanners (sweeping the earth in
perpendicular directions) the locaLv..trcal can be estab-
lished. Anexample of this type of scanner Is the Barnes
Model. 13-200, which was used on the Tiros satellite. Some-
what the same general principles areused in the Barnes
Models 13-100. 13-132and 13-142 horizon sensors, and the

ITT scanner.
( 1) (2)

(2) Scanners which sweep's cone, the instantaneous field of view
being displaced from the vertical by an ae corresponding
to the angle-subtended by the~radlus of theearth for the alti-
tude of operation. iThe vertical-is determined when the sweep
is tangential to-the earth and does not cut across the horizon
discontinuity (i.e., the Advanced Technology Labs scanner

for the Discoverer satellite).4
3)

(3) Horizon sensors which scan a limited sector about the horizon,
-detect the discontinuityj and-then center'the acanio th line
of ight Is directed to a point on the horizon. When the in-
formation from a minimum of three such units is processed,
the local vertical can be determined (i.e., the Barnes Model

13-160 sensor).
(4 )

(4) Fixed optical systems which use multiple detectors to center,
the position of the earth.

The advantage of-class-I sybteisabove-ib that -the -initial, relative
position of the earth need not be accurately known. -In one axis, the
earth can have any relative position, while in the other two axes- it is
only necessary that the earth be viewed sometime during the sweep.
Errors or variation in altitude change only the pulse length of the signal
to be processed, with no mechanical repositioning of the optics required.
The disadvantages of such a system include: (1) the necessity of using
two such equipment and (2) the Inclusion of any.necessary sun protec-
tion should a detector be used which would be damaged by viewing the,
sun, or' which has a long recovery time-and which requires a largefield
of view and/or \ery broad spectral coverage to provide necessary

0 J- Horizon Sensors for Vertical Stabilization of Satellites and Space

Vehicles. M.,l..Arc and M. M.'XMrlen,-Proc Nat Specialists Mtg on
Guidance of Aerospace Vehicles, 25 to 27 May 1960.

(2) Attitude Reference Devices for Space Vehicles, lll-E. Kendall and

-R.E. Staicup, Proc IRE 48 (4) 765.
13

}Horizon Scanner for Discoverer,,M. D. Ewy. Pros IRIS 5(0) 233.

(4) All Altitude Horizon Sensor System, Barnes Engineering Company
Report BEC-4241 -SRI, 2 September 1960.
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sensitivity. Since calculations show that a narrow spectral band is
Inadequate, the equipment will accept wave lengths which could be
generated by earth discontinuities, and data processing must be such
am to minimize the resulting errors. Such equipment has been built
and flown.

Of extreme importance in equipmcnt of this design is the require-
ment that a spinning motion be maintained for the period of operation.
Not only does this require continuous input power but the mechanical
problems of providing seals and lubrication in a space environment
indicate questionable reliability In a satellite with a one year operational
life. Moreover, some of the advantages of this type of system is lost
by vehicle restrictions with r,,gnrd to the directions in which the sensors
can luok.

The class 1I systems require either high accuracy in initial posi-
tioning of the atcll:.c or a variable look angle. One such scan technique
is to increase the l-ook angle from a fixed angle until a signal is obtained
or a maximum angle is reached. If no signal is received then the angle
is decreased until a signal is received from sweeping across the edge
of the earth. The local vertical is then determined by orienting the
axis of scan and the offset angle so the sweep is tangential to the earth.
If the orbit Is elliptical this variation in scan anigle must be continued
or the errors will increase. For the low altitude orbit a change in
altitude of 40 mi would reduce the obtainable accuracy by approximately
0.50 deg unless the scan angle is adjusted. For a perfect circular orbit
this would be unimportant but the mechanical problems of continuous
operation discussed above are applicable.

The class Ill sy!.term. have the advantage of combining a reasonable
search capability, permitting error in initial positioning of the vehicle,
with high accuracy of vertical determination (U0.1 deg) while maintaining
a minimum limitation on the variation in usable altitude. After acquisi-
tion, thermal discontinuities across the earth will be outside the field
of view and will not introduce inaccuracies. Since a small angle oscil-
lating scan can be mechanized using a tuning fork vibrator technique
the difficulty of continuously spinning a mirror is eliminated. The
major disadvantage of this type system is the requirement for at least
three sensor heads and the necessity of providing appropriate mounting
and field of view for each.

The class IV sytem. u.-e a fixed array to maintain the image of the
earth centered and thereby provide a reference for the local vertical.
These systems are limited as to flexibility in altitude and accuracy.
Unless soRhisticated optical techniques are utilized, considerable
"blurring of the edge of the image can occur. One approach to over-
come this sot-rcp of error has been the use of a reflecting cone optical
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system, the so-called "inside xit scanner" (5) which increases the
usable look angle of the equipnent. Since no mechanical scanning is
used some provision such as electronic switching must be used to pro-
vide an eap,'ly amplified signal thus maintaining the most important
advantage o: such a system, its lack of moving mechanical parts.

In summary, a scanning system, class I, would be adequate fur a
short life satellite wIere initial positioning accuracy is not posilble.
As the operational life requirement is extended the question of power
and reliability becomes increasingly doubtful. For a long life f!xed
altitude orbit a fixed array or multiple fixed field-of-view sensod
appear more desirable. If high accuracy and a variable altitude orbit
are involved a system of sensors capable of being continuously pointed
at the horizon and capable of tracking the horizon is required. For
the trajectory of interest it aprrears that a horizon scanner of multiple
sensors similar to those discussed under class III above would uffer the
most promise.

2. Recommended Detector

The type of detector to be used in an IR sensor depends to a large
extent upon the magnitude and spectral distribution of target and back-
ground radiation. Radiation from the earth, assumed to be at a temper-
ature of about 300" K, peaks at a wave length of about 10, with 1/4
of the energy at shorter wave lengths. For high altitude clouds, assumed
to be at a temperature of 220" K, the radiation peaks at about 13m.
Less than 0.01% of the radiation from a 300" K body and less than
0.0001% of the radiation from a 220" K body occurs at wave lengths
below 3 p. It therefore seems desirable to use long wave length detec -
tors ever though they may be several orders of magnitude less sen-
sitive than shorter wave length detectors.

The detectors to be used for this application must be operated un-
cooled because of space, weight, power and reliability requiremaents.
Uncooled detectors which could conceivably be used incliude lead sulfide,
PEM indium antimonide and thermistors. Lead sulfide cuts off at about
3 p but has the highest detectivity of any Ih detector; PEM indium anti-
monide cuts off at about 6 a but has a far lower detectivity; and thermis-
tors are generally made to bc sensitive to about 15 is but have a still
lower detectivity. In weather when the ground can be seen or in over-
cast weather in daytime, both lead sulfide dctectors and thermistors
should be suitable. Because of their long wave length capability, how-
ever, thermistors should be suitable under some weather conditions
when lead sulfide is not, and therefore only thermistor detectors have
been considered in the calculations below. No attempt has been made
to optimize the spectral band used. Preliminary calculations show,

5)Inside-Out Horizon Scanner, J. Kilpatrick.Proc IRIS 6 (1), 195.
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however, that no narrow spectral band device is suitable, and the broad
region from 3 to 151& has been used. No consideration has been given
here to the problem of an irdom except to allow for its transmission
losses; to the scanning mechanism; or to the data processing.

Assuming that the limiting noise of the system is detector noise,
which seems quite reasonable for spacep backgroinds. the signal-to-
noise ratio is gw.,n by the expression

117 herea

I) - Diameter of collecting opltict 4, nil

V r Instaintaneous field of vie% of detector (4 in)

It I Distaince fioni deteitor to radiation source It m)

-.. -"+Stk ~t r itUoph-iw -ranmiLsJO..................

ro, - Spl lt al opt ical system effic iency

It. . Spectral resemnsivity of detectot t.olit/Waatl,

1I1)I . Slpertral radiaint energy at source (watt- /k ini /,It)

Ai) D let-,rto * area I, in)

Af - t.,nda idth of electronics 4i 1p)

D** - I lein osphe ical D* of thet detcttl I, m( p) I %,Itt)0.

Negle(tlng atflo-pherc trawn-m.snion inc't, in ti1s V.sm I aidliOli from
the atn-osliPri-' is considered In the absorption hands. assuming To

and It to In, indtpndent of a;*\e lenttth over the sp-ctral region con-

sidered. and miking the substitution A.I, . 0 It . where p is the angular

resoution of the hvstein in radlianu, Ae ge-t the expression

SN  1
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Assume a type c scanner having a mirror that oscillates through
tadeg at a rate of N cps. so that the line of sight moves 12o deg or
GoN deg/sec. If the field of view is p radians, the average dwell time
of the detector on each resolution element is

Pt xO.0-1y4- sec.

If the frequency bandwidth is made the reciprocal of this we get

2  
5/2 E) W* "F r . H Xd% D )** P T 0I NJ

SNU - -- -. _l _. - o_- A_ _

4 Vr I)V o N x0.01745 i; o

The collector diameter 1) is limitd by the wel ht and space limitations
of the system. A diamet.r of 3 in. or 7.62 cm. has been assumed. The
resolution p should be as larg,- as possible in order to get as high a
signal- to-nois,, ratio arid as lon- a Owell time as possible. A large p
means that the rati, of detector size to focal length must be large,
and for a detector 4,f reasonable size and a fixed collector size, the
value of P is limited by the minimum f/number that can be ubed. For
this application. a detector size ,of 0.2 x 0.2 em and a reso! ution of

1 x 10-2 radian is considered. 'lis gives an f/number of 2.62. which
is reasonable, a focal length of 20 cm, and for an N of 30 rps, a dwell
time of about 2.A its which is about equal to the average thermistor
time constant.

For simplicity, the sky and ground radiation has been divided into
four spectral bands, the 3- to 5.5- and the 7.5- to 13- bands in which
the radiation is assumed to originate at the 4round or lower atmosphere
and is approximated by a 280" K black body; and the 5.5- to 7.5-i and
13- to 15-p bands in which atmospheric absorption and emission are
high and therefore the radiation is assumed to come from the high alti-
tude atmosphere, approximated by a 220" K black body.

Sh I d * .46 S-
4 

("*It%/ M2I

1.

$.9S

S d 13160 3-4
7.6

I -

12 127.I2uIS .L I
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Using these values, D** of 107 and T o of 0.6, we get

SN w 29.2

This is sufficiently high to show that the system considered, though not
optimized, would give very good results as far as signal energy is con-
cerned.

The NET of the systein considered, using the formuli previously
given and the system paraieiers above, is 0.332' K. This is far less
than the mean ground temperature fljcttiation of about 1.5' K, indicating
that temperature variations on the earth itself could be seen. The sys-
tem must be made less sensitive in order that only the earth-space
interface will be seen. This can be done most easily by decreasing the
collector diameter or narrowing the spectral bandwidth.

There is available at the present time an infrared horizon sensor of
the type required for this application. It is the Barnes Engineering
Company Model 13-160 Horizon Sensor. The sensor head consists
essentially of a germanium-immersed thermistor detector having a
field of view of 0.50 x 3 deg; an oscillating mirror which moves the
instantaneous field of view back and forth through ±2 deg at a nominal
rate of 30 cps; and a tracking mirror which moves through 70 deg at a
rate of 12 deg/sec to locate the earth-space discontinuity. Three or
four of these sensor heads are used with an electronics unit to form
the complete attitude sensor. The tracking mirror of each head is driven
by a motor so as to center the oscillating field of view at the earth-
space discontinuity. A voltage is picked off a potentiometer driven with
the tracking mirror, and for the three-sensor system the voltages from
these three potentiometers are combined to give two error signals from
which pitch and roll errors can be derived. If four sensor heads are
used they can be connected in such a way as to give a three-sensor sys-
tem with a redundant head for improved reliability or as a four-sensor
system which gives roll and pitch errors directly.

This unit has not yet been flown or thoroughly tested. However, one
unit has been bench tested continuously for more than six months to
date without failure. The company has built hundreds of IR horizon
sensors of other types, some of which have flown in satellites, so they
are well aware of many of the problems to be encountered. Nevertheless,
reliability estimates based on parts lists and known component failure
rates indicate for the three-head device a failure rate in excess of three
per year. The four-head device without redundancy would be even less
reliable, so that a four-head unit used as a three-sensor unit with re-
dundancy is suggested at this time as the type of attitude control system
to be used. The four sensor heads of the Barnes unit weigh four lb
each and the electronics package 7 lb. Assuming a modified electronics;
package to take care of the redundant sensor would weigh an additional
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2 lb, the tutal weight of the unit would b2 about 25 lb. The average
power required 'a approximately 6 watts at 24-v dc and the maximum
power 10 '.atts. The accuracy of determination of the local vertical
is ±0.1 deg.

A block diagram of the system is shown in Fig. IV-l11, while Figs.
IV-12 through TV- 15 de~si~teocailed portions of the design as well
as critical eleme~nts of s 3tem logic. Figure IV- 16 illustr~tes the
mechanical layout of the system.
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C. OCCULTOSCOPE--STAR TRACKER

An orbit program which is preset on the ground prior to lsunch in
stored in the self-contained guidance system, The. storou "ideal" orbit
prttern is compared by on-board equipment to determine vehicle orienta-
tion and, should corrective action be required, the thrust impulses are
activated (see Fig. IV- 17).

Two major sensing instruments supply data for orbit computation.

(I) The radar altimeter measures orbit-distance from earth and
supplies the following computation data:

e a eccentricity
a a semimajor axis
tp a time of perigee.

(2) The star tracker provides:

(a) Celestial orientation coordinates.

(b) Occultation time data. which permits the computation of
orbit orientation elements in inertial space:

I a Inclination of orbit
w a angle in orbital plane between ascending node and

perigee
Q a angle in equatorial plane between reference direction

and node.

1. Initial Alignment

While the vehicle is on the launching pad, the occultoscope-star tracker
platform is aligned and locked on to a preselected refcrence star pattern
(i.e., the platform is* caged in the orientation, which it will require during
launch to lock on to the reference stars).

During countdown the platform servos are "slaved" to the inertial
platform in the booster stage and an opaque protective dome is closed
over the occultoscope-star tracker platform.

During the boost period, this platform remains aligned to the stars
under the dome by receiving alignment signals from the inertial plat-
form.

After separation of the booster and leaving the earth's atmosphere,
the dome opens and the platform begins to align itself by tracking the

R 7 est p \jable COP'
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preselected star pattern. Errors in alignment during launch will remain
small enough to keep the telescopes within their acquisition angles.

2. Equipment Description

The occultoscope-star tracker c .. lW: ;' 3i' 'S, . I . ',( i.e. ,

each one locked on to one partirntat st:ar oi the 'eleMt1 IA sphere.
This telescope platform is gimbaled tn the nose of, tht veaictl and
aligns itotelf in inertial space (regardless of vehicle position and !Ittitude)
with three geared servo drives.

(a) Orbit axial tracking

Two of the telescopes are oriented toward tars in *he vicinity of
the axis of the orbit, which will be called t::c left axial and the right
axial (or pivotal) telescopes. Each telescope tracks a given star to an
accuracy of 10 seconds of arc in a field of view of two degrees. The
photo detectors supply orthogonal error signals (left/right or yaw; clock-
wise/counterclockwise or roll) to the platform servo, which in turn
orients the platform for optimum alignment. This platform error sig-
nal is the average of the two error signals from the two axial telescopes.

b. Orbital plane tracking

Three of the telescopes are locked on to stars approximately in the
orbital plane and roughly 120 degrees apart in stellar space. Platform
alignment in the pitch axis will be controlled by the average of the error
signals from these telescopes. The averaged pitch error signal will
command the pitch servo to realign the platform.

c. Occultation time measurement

This measurement is obtained by recording the instant at which a
star dips into the horizon of the earth. This horizon includes the earth's
atmosphere, where the dip would be very gradual due to the diminishing
air density in the upper atmosphere (see Fig. IV-18). Considerable refrac
in the line of sight between the telescope and the reference star takes
place during the tr nition of the horizon. This will result in an "off
center" signal from the occulted star, as compared to the undisturbed
orientation of the two other telescopes. As the star dips into the at-
mosphere, the apparent tracking error increases steadily. A preset
angle limit (20 seconds of arc) will be chosen to obtain a sharply defined
condition to trigger the occultation time recorder. This time is called
the "ingress" of the vehicle entering the "shadow" of the star behind the
earth. The "egress" of the vehicle from the shadow (or reappearance of
the star on the telescope sensor) will supply another time mark, resulting
in three ingress and three egress time signals (see Fig. IV- 10).
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3. Fan-Shutter

lf 'sunlight should fall on a telescope and reach the sensitive detector.
ti.rough'a 2-in,' lens, the detector would he destroyed., To "protect" the de-
tector, a 1/4-in. 1b tube (laickened inside) is mountedalongside each
telescope. containing a cadmniunt sulfide photocoiiductor~cel(t tp
7412 or equivalent). If sunlight falls on the'target of~this photocell. it
triggers an Feccies-Jordan flip-flop tratisistor circuit.-and a relay will
rotate an opaque vane into the light path of the star detector, shielding
the sensitive cathode froni excessively intense illumination.

Simultaneously. the flip-flop circuit sends an inhibit command to the
occultation censing circuit to avoid the generation of a false occultation
time signal by the sun-shutter.

4. Star De-tectors

Photomultiplier tubes are t.he taos: sensitive detectors in the visible
qpei trum a% ailable toda). andi are generally used in astronomical work.
Tne occultom-pue (as propo ,eu b) Genei al Mills) and other star tracking
instruments, use tinc-tage lphotomultiplier tubes of the I P21 type or
simtilar.

The phutotnultilplier is ailelit ate glass; strut ture. tequiring a ( losely
regulated supply ioltage (if approximatel) 10100 ide. Tatc output varies
,hiarlily with Lhatiges in suapply %oltage, ambient tempet ature affects
senusitivity anti noise fa tobr.

A sensittse phttpultuie iletet toi Aith a Callium -Arsenide junction
hia, be, time aiail.,ble from Philt o Corporation, designated Type GAU 401.
and is ( latmed it) equal or exceed the sensitivity of photomultipluer tubes.
It is *,used ill a Tr)-lis trahti.ustor .in t Uasurig less than 0.23 in).
diaimeter asnd less than 0.25 in. lengih.

I hie spe( tral ,enisltmlt ranges, ft om 0.40 to 0.901A anid peaks at 0.
8 5

M
wiith offer% good t ttset 4ge of the light emitted from most bright stars.

It was therefore lie( itled to use the hiew Philuco GAIL-401 photodetcctors.
with a t rresponiling improiement of the star tracker reliability. and less
space requiteent.

5. Redlunidancy and Reliability

ThRe configurationi of stat -tia.cking telescopes i.s chosen in such a
%ay that redunudanit reliability i% oitined if one or even two of the tele-
sLopes ,hould fail.
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(1) Should failure of one of the axial telescopes occur, perfect
space reference would still be maintained with the orbital
telescopes providing sufficient reference.

(2) Should failure of one of the orbital-plane teiescopes occur.
perfect platform alignment would be maintained. During
occultation of one of the remaining two stars, the other tele-
,cope will supply sufficient tracking data.

(3) If a position %ith one telescope aimed at the sun should occur,
the sun-shutter on thus tlebcopp will insert an opaque shield
in the light path sell before the illumination level becomes
excessive.

(4) If tile moon 4hould occult one of the stars used as reference.
no adverse effects will be experienced, except a temporary
loss of this star's signal. If the moon should be half or fully
sun-illuminated at the time, the star telescope will put out a
stead.-state signal (rather than the pulse resulting from scan-
ning the point-sized star). This steady-state signal will be
ignored by the occultation time discriminator.

(5) Pitch and roll error signals can augment the horizon sensor
to stabliiee vehiclt attitude and hence provide redundant
operation for maximum reliability.

6. Mechanical Design

The five telescopes are rigidly mounted on a drum which can
rotate 160 degrees in pitch to allow continuous star orientation while
the vel( Ie goes through a 360-degree attitude rotation during each
orbit (Fig. IV-20).

The two axial telescopes are mounted iii the 2-in. diameter bores
of the pitch axis bearings, arid can be oriented up to 10 degree3 away
from the orbital axis. One of these bearings carries a slip-ring assembly
to bring electrical connections in arid out of the platform, while the other
carries the realignment servo drive and pickoff synchro.

A fork-shaped gimbal carries the drum bearings arid is supported in
a single (but long) bearing at the rear to provide roll-axis rotation; the
roll axis alignment servo is mounted het e with t45-degree freedom.
Electrical connections are brought out through flexible leads.

The gimbal design of a celestial platform differs from that of an
inertial platform in that the onve.ttional full-ring gimbals must be cut
down if a wide-angle field of view s required. A dead zone" of less
than 60 degrees pitch field-of-view to the rear of the vehicle is desirable
for occultation time measurements. OCvUlt.ition of the telescope (b
vehicle ?structure) occurs once in every orbit (for 6 of orbit). An
Wnthibit command is given (luring this period to prevent generation nuf a
false occultation signal

E
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Thie roll-afiu.~nni earing bi sttfqsted by a vertical shaft 4hich can
-be servo rdtaft~e45 degrees in'a beai.lng mounted on'the vehicle frame
to pro~vide ywai gnit.An iden'ial -servodrivemantarua orients-
tion; aa a ynchro resolver-suppliea-yrw-error signals-to the attitude com
puter.

Pitch R~oll Ynw

lWgrees rotation range 360 deg t45 deg 145 deg

Electrical connections Slip rings F~lex leadsv Flex leads

Usable field of view :t00 deg 90 dIrg 90 deg

Pickoff angle X~yrwhro Syiiclu'.- Svncihro-
resolver resolver

Occultationi pickoff yrs NOne None

Sun-shutters Yes Yet, Yes

Slits. scaning 1. on orbital l. on axial 1, ott axial
scopes, scopes scopes

7. Occ~oocje.Sar rzzcker j szzt

Tlih. platformi %ill contaiu tht- following comlisnents:

Less aclirozoatic. radiation- ze.istaztt glass

1-i. diaineter, R-in. ftcal length,

Vib~ratintg slit assemblies with drivitng coils

Photudetectors; Phileu Type cG. -401 5

Rtesistors, di-epotited film type 1/4 w IT. 10

CaplaciHors. 0.01 nf/ 600 volt tcram ic 10

Sun-.shitter:

P'hotocells (cadmium tsulfide) IICA No. 7412 5

Trdtnsistorb. NPN silicon. moedium powre 10



Rilays, miniature DPDT with asne attached S

Miniature servo motors. 24,volt, 400 cycle, 2 phase 3

Worm gear assemblies 3

Synchro transmitter 1

Synchro resolvers 2

Slip-ring assembly (10 ring) 2-in. ID, 1.5-in. long I

Gimbal assembly, 3 gimbals I

Preamplifiers, .1 NIPN transistors each 5

8. Thne Standard

a. Precision quartz-crystal oscillator

A self-contained prccislon time standard must be carried in the
satellite to supply time signals for the:

(1) Radar altitude echo-time clock.

(2) Jrbit programmer.

(3) Digital computer clock pulses.

(4) Radar altimeter sequence timer (to turn radar altimeter
on only over water).

Because of the requirement of self-contained operation, resetting of
this timer (to correct for drifts) is not possible. This makes it necessary
to include a time standard of the highest stability. and solid-state amp-
liiers only should be used. Precision crystal oscillators have been
developed (for example, by Peter 0. Sulzer of The National Bureau of
Standards), and with the most advanced temperature controls were reported

stable to I part in I09 (short term drift), and I part in 100 with aging.
The James Knights Company. Sandwich. Ill., manufactures a I-me (Model
FS I IOOT) frequency standard, transistorized, with drifts of less than I

part in 5.10' 10 per day.
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b. Atomic clock

For precision navigation satellites, still higher stability may be
required, ad the most stable self-contained time generators known
today (atomic clocks) would have to be considered. Stability of I part

in 4 x 101 has been obtained in laboratory atomic clocks, and an air-
borne version of the "Atomichron" (National Radio Co., Malden. Mass.)

yields an overall long term stability of I part in 109 within airborne
environmental conditions.

The nuclear magnetic resonance of cesium gas at approximately
9192.632 me, is the frequency-determ' -ng element, and is reproducible
as a primary standard, if gas purity, temperature and magnetic fields
are controlled.

To avoid theneed for frequency-synthesizer equipment, a direct frac-
tion of 0192.632 mc would be used, such as 16.415 or 1.03 me.

The National Radio "Airborne Atomichron" weighs 65 lb and consumes
250 watts of power. It is equipped with vacuum tubea.

A satellite version of the Atomichron will be available in 1962
with a weight of 25 lb and power consumption of 80 watts. Transistors
will be used throughout, except for two electronic tubes at the highest
frequencies. An all solid-state atomic clock is under development at

ationpl Radio Co., which will use no electron tubes and consume less
than 30 watts.

Frequency standards using nuclear magnetic resonance are also pro-
duced by ITT Federal Laboratories and Varian Associates.

c. Frequency dividers

The I-me frequency standard (1.03 me, if an atomic clock should be
used) will serve as a source of clock pulses, both for the digital computer
and the radar altimeter. This corresponds to approximately 0.1-mi
altitude incrementu.

The dc-to-ac converter (400 cps) will be governed by the frequency
standard through a chain of frequency dividing multivibrators. They con-
slst of transistors, resistors and capacitors, and are resonated with L-C
elements for highest reliability. Stages of 200, 50, 10, 2 kc and 400 cpa
are chosen to keep the step ratio at 5:1 or smaller.

This 400-cps precision frequency ensures precise programming of
the radar altimeter on-cycles and orbit computations. Accuracy of the
occultoscope-star tracker and of the horizon sensor will also be im-
proved with a precise 400-cps source.
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9. Programmer and Memory

In order to establish and maintain a precision orbit for a duration
of one year or longer, the following information must be stored in the
vehicle prior to launch:

(1) Precision timing source (described elsewhere).

(2) Radar altitude demand storage.

(3) Occultation demand storage.

In addition, for practical reasons, the radar altimeter must be turned
on only when over water surfaces in order to avoid errors from high
altitude lakes, ore deposits, etc. This will be performed by the:

(4) Radar altimeter transmit-programmer.

For short term lone or two orbit c3cles) data ,torage, an "electronic
scratch pad" is redaired to 4tore individual radar -.1itude and occultation
time data:

(5) Electronic ,cratch pad.

10. Radar Altitude Demand Storage

A matrix of miniature ferrite cores (square loop material), connected
with straight enameled copper wires, serves as the memory unit for alti-
tude demand. The number of "bits" (clock pulses) required for the planned
orbit is "written" into the matrix prior to launch.

The IBM Corporation hat. recently developed new types of cores,
which permit nond.struttive readout; this will greatl3 simplify the con-
struction of the memor) %ystem. Therefore, it is proposed to make use
of these cores if their thermal and long-term stability proves to satisfy
the environmental and life requirements of the mission.

The ube of thin-film memories and epitaxially deposited silicon diode
logic can be considered for applications in the coming years. This would
reduce size. weight and cost. eliminate matching of cores and increase
reliability.

1I. (cultation Demand Storage

A similar ferrite core memory, as described under radar altitude
demand storage, will store the occultation time demands. While the
radar altitude demand consists of a number of bits (or an arithmetic

i.1t 11647
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quantity). the occultations consist of single pulses with precisely preset
hour-long intervals containing the information between them.

This storage system must also allow nondestructive readout for one

year or more.

12. Radar Altimeter Transmit Programmer

This is a conventional timer, presetting intervals for a given us wund
track, so that the radar transmits only over sea level water.

The use of a ferrite core memory appears feasible, but a conven-
tional synchronous motor, camshaft and precision switch combination
is less complex and can be made very reliable with proper design.

Two 400-cps synchronous timer motors with gear trains (with periods
somewhat longer than the orbit period) are coupled to the camshaft
through one-way clutches. Redundancy is achieved because, in case of
one motor's failure, the remaining unit continues to rotate the shaft.
The motors (A. W. Haydon Inc.) contain lightweight aluminum rotors
with negligible moment of inertia. Hermetically *sealed precision
switches (Haydon Switch. Inc., Series 8102 or similar) will operate re-
liably for the low duty cycle of this application. Cams can be of the
flxed-notch type to avoid possible loosening of adjustable parts.

After completion of each orbit, the cam is advanced 'o the starting
position. Tis action is required if orbits of other than uU-hour periods
are chosen.

13. Electronic Scratch Pad

The Radio Altimeter readings biz or more per orbit) and occultation
times (three per orbit) must be stored in a m.mory until they are com-
pared to the demands stored in the program unit. Again a miniature
ferrite core matrix will be used. but in this case, the conventional (de-
structive-readout) type can Wo applied in a "scratch pad" write, read
and erase mode.

As an alternative, a rotating magnetic disc-tyce memory might be
condidered. Laboratory for Electronics, Inc. (L.F.E.) manufactures
Bernoulli Disc memories with storage capacities of 25,000 to 500,000
bits per disc. The Type BD-40 was developed especially for space appli-
cations and stores 40,000 bits in 40 tracks, with a resolution of 1024
bits per track circumference.

ERI 11647
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D. THE COMPUTER

Examination of the equations in Section I hats shown that the air-
borne computer requirements will not be difficult to satisfy. The com-
puter selected is a small, lightweight, general purpose digital machine,
This computer is designated the B-4 Guidance Computer, and is cur-
rently being developed by the Librascope Division of General Precision,
Inc. A detailed description of the computer (provided by Librascope)
is given in Table IV-2 and the following portions of this section.

TABLE IV-2

B-4 Guidance Computer Characteristics

Computer type: General purpose, high speed integrator (Sigmator),
digital

Precision; One part in 223

Number base: Binary

Mode of memory operation: Word parallel, random access

Number of different operations: 40

Memory type: Random access, nondestructive, silicon stAck

Instruction type: 'Nwo address (operation address and next instruction
location)

Memory capacity: At least 6000 words

Word length: 23 bits

Clock frequency: 0.64 mc/sec

Size: 0.37 cu ft

Input/output equipment possible: Variety of analog devices

Multiplications: 2000 per sec

Divisions: 500 (minimum) per see

Additions: 12,800 per sec

Sine and cosine: 160 per see
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TABLE PV-2 (continued)

Flip4lop count: 30 in general purpose unit
20 in high speed integrator

Power requirements: 60 watts (10 watts when not computing)

Operating temperature: -25 C to -103 C

Weight: 19 lb

The nature and quantity of registers follows:
Temporary storage -5
Word address -1
Instruction address -1
Accumulator -1 256 words
Pulse accumulator -1
Integrand register -1
Clock -1

I. Computer Description

a. Word length

The comp.uter word length is 23 bits. Error analysis indicates that
a double precision product in multiply is indicated for space guidance
requirements.

b. Address structure

The 6000 words of memory are selectable with the 23-bit word
structure. Ten bite specify the word address of the present instruction.
The next 10 bits provide the next word address location. The remain-
ing 3 bits specify the desired instruction.

c. Arithmetic and control logic

The computer general purpose section will now be considered. The
Functional Block Diagram for the Random Access Computer is shown
in Fig. IV-21. The computer handles memory access in parallel via
an M (Memory) register. Accumulator (AC). Multiplicand (MC) and
Multiplier (MR) registers are provided for storage of numerical data.
The instruction, Order and Control Registers served to provide internal
(tacit) computer operation. The schematic details of the Logic portion
of the B-4 Random Access Computer are shown in Fig. rV-22.
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The order structure contains 8 basic orders which are expandable
to 40 as discussed in programming. These orders are multiplication,
addition and related operations. They are performed at 2000 and
12,800 per sec, respectively, including random access time which is
zero.

Multiplication is one of the most frequently encountered operations
it. the boost stages of a space computation. A fast, eccurate multiply
is provided. Truncation errors are minimized for sum-of-products
and sqqare roots operations. Double-length product accumulation is
provided. The operation is mechanized in part by sensing the next
higher order of the multiplier while performing either an addition or
shift on the present multiplier position.

Opcratizaa are perforued by permanently wired programs stored
in the silicon memory. These also include sine-coslne, division and
square root. The program is permanently stored and not destroyed
by reading. The internally wired logic and control program reliability
govern the co.,wputer performance of each instruction.

d. Incremental, discrete and input/output functions

A valuable input involves %%hat may be referred to as a high speed
integrator, sigmator. High speed summing, storing and processing
of incremental inputs are possible from external sources. Real time
velocity pulse accumulation for computation, eczurate time and/or
velocity countdown, control of digital-to-analo,, converters for infor-
mation output, and transmission of data link information are typical
applications of the high speed integrator.

Operations performed in the input unit are of the incremental type.
The design includes four basic units: integration, fast accumulator,
velocity accumulator and countdown integrator.

The integrator processes data from the velocity accumulator, from
analog-digital inputs, and from the computer. It has complete access
to the computer generating time countdown accumulated for thrust
termination. Incremental integration can be performed at the rate of
24,000 ppo, but is limited by thrust g' and accelerometer resolution.

e. Control

(1) Switches

Discrete signals are transmitted to the computer by means of ex-
ternally controlled switches. As a part of the program routine sensing
of these, switch positions may be programmed to effect a control or
logic change in program flow.

Fit 11647
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(2) Outputs

Where an analog shaft position from digital conversion is involved,
servo modules are employed. Typical oututs of this type include
switching signals to the engines from the computer. The servo modules
are sealed and include a servo amplifier, a modulator, a motor gener-
ator, a potentiometer, digital-to-analog converter code discs and gear
trains for positioning of the potentiometer by the motor.

Outputs from the computer are in the form of positive or negative
error voltage representing the sign of the differences between present
and desired value of the output. When there is no difference, null is
reached and the output voltage is zero. The error voltage is modulated
to a 400-cycle signal and fed to the servo amplifier motor combination
which provides a shaft position output. The output is thus a shaft posi-
tion which can be coupled to a synchro transmitter or potentiometer.
A digital feedback loop is provided via the computer.

Torquing signals are generated by these digital-to-analog converters.
The analog voltage is provided by the slider of a 10, 000-ohm center-
tapped potentiometer in the converter.

Discrete signals are generated by computed program. These sig-
nals may include: (1) main engine cutoff, (2) vernier (booster) cutoff
and (3) reorient (sustainer) cutoff. When received by the outer control-
loop programmer, these discrete signals control various powered flight
phases.

f. Sine and cosine generation techniques

Incremental sine-cosine generator can be installed as shown in
Fig. IV-23.

(1) Features:

(a) Iteration rate: 1600/sec

(b) Retraceable sine and cosine generation no-fix points

(c) Accuracy assuming maximum roll, pitch or yaw rates of 1
radian per sec is 6 x 10"4 for the generation of 4 sines and
4 cosines.

(2) Algorithm:

n n
E YiIxi -Z KIY 3 + Ci '0
I l lo1
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16-word memory loop

VYI jY2 V3jY4jY5 YB Y? VS CI jKZ K3j14j15 XK7KS

8 words -1

F. 32~ X4[

Arithmetic Unit words I through 8

Ad+ rx 0

Al Y, +S a4Sqec otrlfi-lp

Fig. ~ L~ IV2.BokDarm ficeetlSneC2 n eeao
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E- Y3iAX - EKIAY + C2 -0

where YI might be sin 0 and Y3' cos 0 and Ax I the increment in 0,

Cl and C2 are corrections which make the remainders exact during
each iteration so that the sine-cosine gene-ation is retraceable.

(3) The sine-cosine generator contains:

(a) One 16-word memory loop

(b) Two 8-word memory loops

(c) Two full adders (1) and (2)

(d) One subtractor (3)

(e) Eleven flip-flops as shown in diagram

(f) Three sense and 3 write windings (SI) (S2) (S3) and (Wl)
(W2) (W3).

(4) The sine-cosine generation works as follows:

(a) The sines and cosines are broken down into pairs* i.e. YI
and Y3 become sine and cosine for one argument; Y2 and
Y4 for the next argument, etc. To each pair of YIs is
associated a pair of K-scaling constants KI, K3, etc.
These are stored on (I) 16-word recirculating memory loop
as shown.

(b) To each Y and K there is as-iociated (1) R which is used to
accumulate the partial sums YI AX and -KAY2, etc.

(c) The memory for the 8AY's is in the first 8 bits of the Y
Integrand word. The remainder of the word is used for the
integrand.

(d) The first 8 bits of the remainders It are used to store the
arguments A X1.

(e) During words 1 through 8, the Y'. are updated in the adder
labeled (I) ard remainders are updated in the adder (2).
Adder (3) compares the gimbal angle with the argument to
generate the A X I s.

(f) During words 9 through 16, the adder (1), as shown, updates
the argument; adder (2) corrects the remainders R according
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to -KAZ+Rold - Rnew

(g) All argument changes are stored in the first 8 bits of the R
words.

g. Table 'lookup"

Table 'lookup" was examined for possible use to determine both the
sine and cosine of a given angle. Since the B-4 Computer has the capa-
bility of transferring information directly from the accumulator to the
instruction register, it can be seen that the gimbal angle itself, once
read into the accumulator, could act as its own instruction and select
both the value of the sine and the cosine from a stored set of numbers.
Since the "silicon memory stack" is used to hold the range of values for
the trigonometric functions, table "lookup" would be % feasible method
of getting sines and cosines. In this case 512 words of 9 bits each would
give sine and cosine to angular increment of 0. 175 degree at a rate of
1600 per sec.

h. Interpolation formulas

This technique would use a slower basic solution of the sine and
cosine value using polynomials and then use a formula such as:

A sin0 -com GAO

to update the value of the sine 0 between basic solutions. Of course the
basic solution rate is dependent upon the maximum rate of change of 6
and the accuracy required. The following shows how much computer
time iS saved using this technique:

(1) Forty basic solutions per sec require 0. 12 sec per sec to be

uaed to generate one sine and one cosine to an accuracy of 10-
4 .

(2) Five basic solutions per sec and 35 interpolated solutions per

sec require only 0. 056 sec per sec.

I. Telemetry module

The use of telemetry inputs to the computer provides a valuable
means to:

(1) Communicate with the earth the results of space-borne com-
putations and data reductions, especially in the case of a one-
way mission.
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(2) Accept control changes from the earth as a result of earth-
'derived decisions.

The computer can instrument a mission change If (1) at a given time
no telemetry is received and (2) a computer routine for this contin-
gency exists. The typical information rate in such a case Is 200 hits/
see for 2.5 ms.

2. Random Access Nondestructive Memory

In the interest of providing.

(1) An advanced technique permitting a more reliable, compact
computer.

(2) Nondestructive, random access memory.

a proven laboratory component io proposed. The large nondestructive,
random access memory In to be a "Silicon Memory Stack" supple-
mented by a feasible, erasable 256-word core memory.

a. Matrix construction

As shown in Fig. rV-24 (Silicon Diode Sheet), the complete silicon
diodes are deposited in 8-ril diameter areas and spaced 8 mile apart.
This permits about 64 diodes/linear in. or 3600/in.

By using proven thin-film deposition techniques as developed in
Librascope' i Applied Research semiconductor group over the past
three years, the equivalent to Fig. rV-25 (Silicon Diode Matrix Schem-
atic) can be fabricated employing a combination of proven techniques.

Figure IV-25 also illustrates pictorially the assembly technique.
Vertical gold busses. 0 to 3. cross horizontal gold busses, 0 to 2.
As shown, the 0-0, 2-0, 1-1, 3-1, 0-2 and 2-2 junctions are silicon-
diode connected. The remaining junctions are insulated silicon
monoxide.

The matrix is built up of insulating, basic silicon. The basic pure
silicon is processed to form a p-n junction. Typical junctions are
formed by heating, bombardment and related semiconductor techniques.
The required p-type, anode material is formed by adding impurities
such as iridium, boron or other Group II elements. In like manner,
n-type, cathode material is formed by adding impurities in the Group
IV family such as arsenic or phosphor.

Gold buses, p-type silicon, n-type silicon and silicon monoxide are
sequentially integrated in a manner well known in thin-film and cry-
ogenic development. The entire matrix is encapsulated in an inert
epoxy-llass resin.

The forward-to-back resistance of these silicon diodes has been

tested at 106 ohms. At 30 volts of reverse bias and 150* C, 30a of
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Schematic
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Pig. IV-25. Silicon Dode Matrix
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reverse current are typically obtained. Also, 100 mw of forward cur-
rent at -55" C and ! volt is typical. As a result, extremely desirible
diode action is now possible in large diode arrays.

b. Memory selection system

The details of selecting -- given word will now be considered with
reference to Fig. IV-26 (Typical Silicon Memory and Selection). From
this it may be seen that three mqin parts involved are:

(1) Plane and word selection tegister.

(2) Sense register.

(3) Silicon memory stack and diode matrices.

The silicon memory stack and diode matrices are constructed as des-
cribed in the preceding section. The following matrice% connections
from a given plane of the silicon memory stack are proposed to be
common Aith the aord-qeleztlon diode-matrix and 9 to 160 diode matrix.
This eliminates an estimated & 158 soldered contitctior., and replaces them
in a high reliability, gold-deposited circuit. This is an obvious ad-
vantage ov-r 6000-word 23-bit core memories.

Word and pla'ie selector registers identify th., desired word and
given plane. The diode matrices select the required word in the siilcon
memory stack. A 23-bit word readout re-4ults in setting up the word in
the sense register.

Upon selection of a given word the permanently nondestroyed con-
tents of the word would be available. Typical construction involves
vertical and horizontal gold-bus deposition by vacuum evaporation.
Silicon monoxide insulation is used %%here no diode is desired at a given
junction of vertical and horizontal huse.,.

Words al e selected by the use of binary address inputs from the
word selector register. These binary inputs are employed in a dlooe
matrix to generate the decimal (I to 512) woru address. In order to
eliminate manual-wired connection, vacuum deposition is employed.
Nine sets of control buses se*.!(ct 512-word addresses. With a 23-bit
word structure 23 sense lines would exit from the memory. On a per
plane basis, 9 sets of address words and 23-bat exit wires control oper-
ation of:

(1) 414 Memory diodes.

(2) 4608 Matrix-selection diodes.

(3) 1024 Plane-selection diodes.
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Fig IV-26. Typical Silicon Memory and Selection
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These components are fabrirated by semiconductor and vacuum-film
techniques without use of hand-wired connections. A demonstrable,
schematic of the memory system is shown in Fig. IV-27 (Selection and
Storage Schematic). This illustration includes:

(1) Diode-matrix for word-plane selection.

(2) Sele'ted memory plane.

(3) Typical nonselected memory plane.

(4) Bit exits.

In Fig. TV-27, the binary address corresponding to a decimal address
of three is selected, and the upper memory plane of the two memory
planes shown is selected. Since diodes are connected to the 3- and
23-bit line for the selected plane at word 3, the bit exit reads 0, 0, 1
. ... 1. In the nonselected plane the bit exit is all zeros.

Due to the particular memory selection system chosen, the number
of hand-wired connections is reduced over present systems. Silicon
memory stack diode matrices are packaged in a common plane con-
figuration. This requires only 512 hand-wired connections to the en-
tire 23 x 512 x 16 (190, 716) diode memory. Present techniques require
1400 hand-wired connections to a 64 x 64 x 22 (90, 112) bit core memory.
This is better than a 60% reduction in the required connections to the
memory.

c Calculated and experimental switching speeds

%s is typical for thin-film systems, the circuit response will not be
assumed limited by silicon diffusion or drift mechanisms. The induc-
tive time constant:

L

It

will be considered.

Without the use of a shielding conducting ground plane a field of 50
oersteds has been found. This is in partial agreement with a relation
for the surface fild adjacent to a grid of width ,v, current I:

*2l
It - I'0" oersteds.

l ow

The calculated inductane value for a grid of 15M in wiith that is 0.33

cm long is 4 x 10"9 i.
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I

Given 0. 01 ohm resistance the time constant is:

L 4 x 10-9H
R R

4 x 10- 9 x 50-F - 20 paec
0.01

This implies that while 23-bit words from the memory are available at
a 50-kc rate, the bit rate is better #han 3/4 mc/sec.

As an alternate to the above, the use of a conductive ground plane
may be considered to improve word selection time. In this case the

typical inductance is 10
12 h/cm or line length. If a resistance of 10- 3

ohms is inserted in a 10 cm long loop:

it . 10. 12 x10 . 0.01
R 10-3

Time constants of this magnitude can be achieved without great diffi-
culty. It may be surmised that considerably smaller time constants
could be achieved either by making use of thin films, with small cross
section (and consequently higher resistance) or by using a material
with Inherently high resistivity.

It is anticlnated that the provision of a shield plane close to the grid
reducing the inductance will raise the operation speed by at least an
order of magnitude. This has been experimentally confirmed to yield
a time constant uf leba than 3 psec.

3. Random Access, Erasable Memory

The use of proven core techniques will be employed to provide an
erasable memory. Based on in-the-house Librascope core experience
plus recommendations of core fabricators, a demonstrated technique
will be employed. While the desirable volume and temperature re-
quirements do not allow a large 6000-word core memory, a 256-word
erasable memory is recommended to supplement the "silicon memory
stack. "

The use of present core techniques in the small erasable memory
permits operation over the range -25* C to +100" C. This has been
proven with transfluxors employing a 300 ma unblock current at 100* C
which is varied to be 700 ma at -25" C. Similarly square-loop cores
have been operated over the range of -20* C to +80" C. Indications are
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that the range may be extended to +1000 C. Pull and half select currents
are varied as a function of temperature to permit reliable operations.
Such drive current variation is typically performed by use of Thyrite
temperature sensitive elements controlling drive current. A prototype
core memory system developed by the writer at Librascope is shown
In Fig. IV-28. This employs current-steering magnetic switches for
word selection, The photograph indicates the approximate size of the
erasable memory.

E. BASIC ELECTRICAL POWER

The one-year mission requirement for the various satellites, as
part of the weapon system. automatically limits the choice of power
supplies to that of solar or isotope types. The various types of solar
power supplies, requiring solar concentrators, can be eliminated due
to the close control requirement and the need to eliminate rotating ma-
chinery from the satellite. Due to the disturbing torques and the re-
duced reliability of such systems, the choice of power supply for the
system rests with a radioisotope or a nonoriented oolar cell system.
The radioisotope system was calculated with battery storage for peak
loads.

The Load analysis for the mission is as follows:

Hem (|t-rmit th!

Ifad..r 150 v11.5 mli.

ve-ry hour

Slat trackler 10 w/2 min,

rv#-r Y, hou r

Compluter IQ on w/ 5 min.
every hour

aliitation system 40 */JO .1,
rvery hour

1,rt'irntol .scr.ner t0

IItate ;yru. 2,5 */Go160 ler,
twire u* llV

Sca ft eekt, and tracker

11fo grammor

Memory Programmer .

Total 42,s . 2 5. 5 melrn
* 95 w1 min

* S 'W/ .5 Rijn
* 65 a10.5, main
S5W/2 min

The orbit time will be 6 hr. of which a maximum of 44.75 min will
be in darkness, and a minimum of zero (or continuous sunlight) depend-
Ing on the orbit chosen.

E R 1 1 54 7 a e s k P V 0 \\ b \ e o p "
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A typical radioisotope generator was developed by The Martin Com-
pany to provide 125 watts uf power for space applications. The success-
ful demonstration of thermoelectric materials in the program led to se-
lection of a static thermoelectric power conversion system. With an
overall system conversion efficiency of 5% with thermoelectric con-
version. 2500 watts of thermal energy are required to provide 125 watts
electrical output after operating for one year. Cerium-144, a fission
product, was chosen as the fuel because of ready availability, economic
production anj favorable half life characteristics. To provide the nec-
essar,, thermal energy for conversion to electricity. 880,000 curies of
Ccrium-144 are required, producing an initial thermal power of 6500
watts. A weight of 200 lb consist: of a structurally supported fuel core
and an outer shell which houses the thermoelectric system (Fig. IV-29).
Its outer configuration (a cylinder with hemispherical ends) has a 34 in.
length and a 24 in. diameter.

The generator detail de.,ign is shown in Fig. IV-30. The shell of the
unit. which contains the thermoelectric elements, is made up of two in-
tegral skins. An inner skin of stainless steel serves as the thermoele-
ment hot junction, and an outer skits of aluminum as the cold junction.
A thermal insulating material is nested around the elements between
the two skins.

Thz insulation, located at the bottom of the unit, is hinged snd is
opened by a mechanism to permit a portion of the inner skin to radiate
excess heat directly to the surrounding environment. To provide a con-
stant power level, 3280 watts of the initial radiiisotope thermal output
are radiated to the environment by means of a thermal shatter. During
a i-yr life of the generator, at rated output of 125 electrical watts, the
thermal shutter is gradually closed to compensate for radioisotope de-
cay. Heat is generated by a loading of 880.000 curies of Ce- 144 con-
tained in an lnconei-X block at the center of the generator. The block
is supported from the shell by tubular truss members which, in turn.
are saspended sy load members passing through the top and sides of
the un... The load members are attached to the flight vehicle structure.

Ground shielding is provided by completely filling the interior of the
unit with approximately 4000 lb of mercury. Just prior to launching.
this mercury is drained and a water voolut cull (sur ounding the Iso-
tope fuel block) serves to remove heat from the shield mercury.

The isotop~e fuel capsule (ig. IV-31) is a cylindrical Inconel-X
block, I In, long and 3-314 In. in diameter, containing seven equally
spaced 1-in, diameter holes drilled through the block parallel to its
longitudinal axis. A 0.49-in. thick threaded closure cap Is fitted to the
top and bottom of each hole. Radio-cerium in the form of ceric oxide
fuel pellets is loaded into t in-walled stainless siel tubes prior to in-
stallation it, the capsule. In this matter, fuel loading operations and
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core surface contamination are minimized. E-ach fuel tube contains
0.1257 megacurie of Ce-144. A tabulation of design characteristics
is given in Table IV-3.

A comparison of radioisotope generators with battery storage; is
shown in Fig. IV-32. The weight estimates for the thermoelectric gen-
erators are those projected for state-of-the-art improvements; by 1965,
current weight estimates would be higher. The voltage regulation for
the system without battery would be so poor that some sort of voltage
regulator would be necessary. Without Rome energy storage device, a
radioisotope generator for the indicated load chart would be entirely
impractical because of the large ratio of averuge- to-peak Loio (nm.e-y
4:1). Therefore, a nickel or silver cadmium battery must be incorpo-
rated in the system to carry the peak load.

The voltage regulation is actually performed by the battery; however,
a small battery charging regulator must be provided to ensure adequate
voltage acceptance level for battery charging. A 2 amp/hr nickel-cad-
mium battery would supply the peak level requirements every hour. The
depth of discharge w, uld be low enough to ensure 15.000 cycles, whereas
8750 cycles per year would be required by the mission profile. A com-
parison of life and weight between nickel-cadmium and silver-cadmium
batteries i shown in Figs. IV-33 and IV-34. The choice of a battery nec-
essary for the high cycle life required In obvious from the curves.

A solar cell generator system with a nickel-cadmium battery for en-
ergy storage is the least expensive, from a cost and weight standpoint.
and provides an adequate reserve of power. The components are avail-
able hardware already proven for the intended purpose. State-of-the-
art improvementh were not extrapolated for the present design and all
weights are based on hardware immediately available and suitable. The
system would be composed of three solar cell panels located 120 de-
grees apart on the surface of the vehicle. Conductive cooling would be
incorporated to limit solar cell temperature to 30" C. The satellite will
rotate with respect to the sun so that the individual generator outputs
will be as shown in Fig. IV-35. The total output will be the algebraic
sum of the currents at each voltage. The panels will be composed of
10 shingles of 5 to 12% effective cells in series in a strip, and five 50-
strips will be connected in parallel and in series with a protective diode.
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TABLE IV-3

Design Characteristics of Radioisotope 125-Watt Generator

Power output 125 watts for 365 days

of constant power

Voltage 28 volts

Current 4.46 amps

External load 6.28 ohms

Efficiency 6.75% thermoelectric
a.Of* actual
50% carnot

Hett losa 530 watts (thermal)

Useful heat 2150 watts (thermal)

Heat dumped (initial) 3280 watts (thermal)

Hot junctinn temperature 1050" F

Cold junction temperature i: I-

Thermoelectric radiator sui fact, 14.5 ft
2

.Shutter tmash vit.% ().!)0

Isotope inventor. 880,000 curie, Ce-144

Weight 200 lb

Watts 0.625 lb

The battery selected was a 16 amp/hr nickel-cadmium type. The
cycle life required for the maximum possible discharge duty is 1460
cycles. Front Figs. IV-33 and IV-34, it can be seen that a choice be-
tween silver and nickel types exists. The nickel was chosen to be ultra-
conservative In regard to life and to remove any loss of cepacity con-
nected with cycle life questions. However, It Is recommended that a
test program be instituted to determine more accurately the type of bat-
tery to be used in order to achieve a maximum weight saving. Another
factor to be considered in the cuttery selection in that of voltage regula-
tion. In order to achieve good voltage regulation, the discharge rate

.hit 16
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was k-pt below 25% on the system without the use of any additional volt-
age regulators.

TABE IV-4

Weight Summary of Solar Cell System

(lb)

Solar cell generators 13.5

16 amp/hr nickel-cadmium battery 29.6

Electrical protoction equipment 1.9

Total 45.0
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F. ATTITUDE CONTR~OL SYSTEM

The characteristics of various attitude control system configurations
have been studied in order to define a control system that achieves the
desired navigation accuracy and is economical in energy requirements
over long mission times in the mission orbit. Reaction jet control sys-
tems. flywheel systems, and combinations of these were considered
(Refs. IV-10 and 11). For this application, a reaction jet control sys-
tem is optimum since to use reaction flywheels to maintain alignment
with the local vertical demands a constantly increasing flywheel speed
which exceeds practical values long before the I-yr mission time has
elapsed. When using reaction jets, two levels of thrust suggest them-
selves: (1) a large thrust jet for establishing initial orientation and
stopping any residual angular rates resulting from injection propulsion
cutoff; and (2) a lower thrust jet to maintain control after the limit cycle
has been establisted. This type of operation can be approximated by
pulse modulating the thrust front a fixed jet.

It is always difficult to isolate the control system performance from
the effects of variations in the vehicle characteristics, since they arq
so closely interdependent in a closed loop system. Therefore. in this
study, a typical satellite was assumed and its characteristics used
throughout the analysis of the various control system configurations.
The effect of variations in the satellite characteristics was not inves-
tigated.

The satellite is assumed to be a cylindrical shape, as shown in Fig.
IV-36, Aith a 6 ft diameter, a 7 ft length, and a weight of 5000 lb. The
weight breakdown (Ref. SV-12) is as follows.

Weight
Item (Ib)

Rate gyros (3) 1.0

Programmer 17.0

Computer 175.0

Horizon scanner 11.0

Star tracker 30.0

Radar altimeter 60.0

Clock 15.0

Control circuitry 40.0
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Reaction jets (12) 35.0

Reaction jet fuel 3500.0

Power supply 265.0

Structure 300.0

Payload 616.0

Total 5015.0

The configuration includes 12 fixed reaction jet nozzles (Htef. IV-13)
to provide attitude control corrections and 6 fixed jets for the orbital
corrections (the jets at e positioned as shown in Fig. IV-36). Engineer-
ing diagonally opposite jets produces torques to rotate the vehicle. The
fuel Larried for these jets is sufficient to provide the Iccesstav dall,
orbit tki cot tect ions (ef. IV- 14) as wtli Is the th rust uecesbar y to
maintain the alignment of the vehicle axis with the earth local vertical
as shown in Fig. IV-37.

Since the satellit tends to oscillate continuously about its control
axes, it is intentively apparent that for long mission times maoy thou-
sands of operations of the nozzles and their control valves will be re-
quired. This, of course, suggests a reliability problem. Similarly, the
orbital i orrection thruster will be required to operate approximately
730 times during a I-yr mission. The system shown in Fig. IV-38 is
suggested to enhance reliability. The basic concept Is that a hyper.golic
bipropellant system, whic h is characterized by an I p of approximately

300 sec and high thrust chamber temperatus es, is used to provide the
thrust for orbital corrections. Choosing the fuel so that it can also be
used (with a catalyst) as a monopropellant, provides a source for the
large number of chamber pulses required in the attitude control sys-
tem. However, the attitude control jets operate at a much lower ten-
perature, thus minimizing material problems and increasing reliabIlity.

Another assumption effecting the vehicle configuration is concerned
with the propulsion needed to inject from the ascent trajectory into the
parking orbit, transfer from the parking orbit to the mission orbit, and
inject from the transfer ellipse to the mission orbit. The total velocity
changes for these maneuvers are tuore than 8000 ftlsec. It is assumed
that this propulsion system is separated fron the satellite after injec.
tlion in the mission orbit and that its ctntrol, therefore, is not part of
this guidance system.

As described in Section IV-A, an altimeter is used in the guidance
system to determine the in-plane parameters of the satellite orbit. A
radar altimeter Is proposed and its antenna must be stabilized to look

ER 116.17
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along the local vertical. The radar must be stabilized to the local ver-
tical to within *0.5 degree in order to obtain the desired accuracy. This
can be accomplished either by stabilizing the antenna'while'thesatellite
attitude varies or the antenna can be fixed to the satellite and the satel-
lite stabilized to the local vertical. The !atter approach has been
studied.

An IR horizonscanner is used to determine the local vertical, and
is capable of indicating the*vertical to an accuracy of -*0.1 degree.

The yaw axis attitude reference is the star tracker which is also
used to measure the occultationtimes f6rdetermlnirkthe out of plane '
orbital parameters. This device indicates the heading of the satellite
relative to Its velocity vector to an accuracy of 0.01 degree.

All of the above data and assumption lead to the control system con-
figuration shown in Fig. IV-39. The reaction jets are inherently on-off
devices, and the following sections of this chapter will be devoted to a
study of techniques of uperatlng these jets so as to meet the stability
requirements and the economicaluse of fuel. Since the satellite motion
is undamped by any natural phenonomen, t(,e overall system operation
will be characterized by a contlnuous bounded oscillation (a limit cycle).
The essential design compromise sought is to mininize the amplitude
of the Ihnit cycle operation and, at the same titte, minimize fuel con-
sumed by the jets. Per.trbaton. can be expected from the torque on
the satellite doe to small misalignments in the orbital correction thruster.
Similarly, slight differences in the Initiation and cutoff times of the in-
dividual attitude control nozzles will result in perturbing forces. Other
disturbing torques arise from secondary effects, such as the dumbell
effect which tends to align the long axNm of the satellite with the local
vertical. Evaluation of tese torques permaits the impulse requirements
of the jets to be estimated (itef. IV- 15). The maximum perturbatinn In
the pitch and yaw plaue is eaused by misalignment of thruster used s:
injection to the nicion ..,, l (oOr!,! 1. thrust aLqumred) by 0.5 degree.
For the vehicle dimensions chosen, a 4.3 lb reaction jet is required.
Therefore, in the phase pline analysis to be presented, thrust levels
of 7.0 lb and 1.0 lb are used to straddle the estimated requirements.

1. System Analysis

Initially, a conv.ntional bang-bang approach study to the control sys-
tem design was condmicted at various thrust levels. In addition, the ap-
plication of pulse modulation of the jets was studied at a single thrust
level to provide an Insight to the possible performance improvement
resulting from more nearly proportional operation. Phase plane tra-
jectules were cumipas ed for each case to indicate the characteristics
of the limit cycle and the approach to the limit cycle. Total impulse
requirements are the sum of the impulse needed to establish the limit
cycle plus the impulse required to maintain the linit cycle for the dura-
tion of the mission (1 -yr).

I,, i hir ;7
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Figures IV-40, IV-41 and IV-44 are phase plane plots of the control
system performance and show a comparison of 3 dlferent control sys-
tems for initial conditions of 50 x 10-4 rad/sec from a displacement of
50 x 10°4 rad ( 0.3 degree).

Lines I and 4 are the "thrust on" Lines and lines 2 and 3 are the
"thrust off" lines. That is. whenever the error ( + ') Is greater than
the error described by lines 1 and 4, a pair of thrusters will be turned
on (in the case of the pulse modulated system, the averge thrust is
proportional to the amount of error greater than the error described
by the lines). The spacing between the "thrust on" and "thrust off" lines
is determined by the hystereses and time delay of the system. The

slope of these lines is determined by the equation do' . -1
aT~ j-m= (where

m Ib the ratio of rate gain to posltional gain and TD is the total system
time delay). For stability. d-0 must be negative and less than infinity

(that is, m - TD >0) and the spacing between the "thrust on" and "thrust

off" lines must be less than the spacing between the two "thrust on" lines.
Since the spacing between the two "thrust on" lines is 20 p (a P is the
angle at zero rate where the thrust will come on) and the spacing between
the "thrust on" and "thrust off" lines is (Equation 1) 0 -0 p (I - r)
+ (m TD - T

2 2) a (where r is the hysteresis and & is the acceleration),

this says that 2 p > p(l-r)+ (m TD - TD/2) eorm < (r

+ TD/2.

The equations above describe the limits of m for stablity. Further
analysis of the phase plane shows that there is a value of m between
these two limits which minimizes fuel consumption (Ref. IV-16). The
formula for m optimum is as follows:

(T 2 + Jb) + T 2+ 3b)2 +4 [2a + b)T2 +2ab]
M z . D TD

where

0 p l+r) T 2
a *+

0 k 1 -r) T 
2

b V
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Assuming

TD . 0.02 sec

Y = 0.9

r = 49.8 x 10-3 rad/sec2 (7 lb bang-bang)

&IM 7.1 x 10-3 rad/sec2 (1 lb bang-bang)

Solving Eq (2) for these values gives

m 7 lb 2.58

m1 lb 140

Since the maximum usable m is determined by the signal-to-noise ratio,
a maximum of m = 10 was used. For the 1-lb bang-bang system, the rate
channel must have a sensitivity of less than 0.01 deg/sec. This sensitivity
requirement is Just within the range of present day rate gyros and is easily
attainable with passive networks (Ref. IV-17).

For the pulse modulated system (Fig. IV-44) no "thrust off" lines
were shown, since the hysteresis of the bang-bang system was determined
mostly by the hysteresis of the solenoid valve of the thrusting and in
addition as + error approaches the value of the "thrust on" lines,
the average thrust approaches zero. When applying this to Equation (1),
we get

0 , 0 (l-r)+ (m TD- T2/2)

1 0

It is therefore assumed that the "thrust on" and "thrust off' lines are
coincident for the pulse modulated system.

a. High thrust bang-bang system

Figure IV -40 shows the phase plane for a control system using a
7-lb reaction jet system on a bang-bang type control. Analysis of the
limit cycle (dotted lines) shows that average fuel consumption over the
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limit cycle Is 170 x 10"6 lb/sec. The fuel required to maneuver the

satellite from point A into the limit cycle is 11.7 x 10' 3 lb. At this
thrust level, the period of the limit cycle is 24.8 sec and the maximum
angular excursion of the satellite is 0.218 deg.

This is consistent with the accuracy of the IR horizon scanner and

the stabilization requirements for the altimeter.

b. Low thrust bang-bang system

Figure IV-41 shows a phase plane plot for a 1.0 lb thrust bang-bang
type control system. Reducing the thrust level reduces the average f'el

consumptlust over the limit cycle to 3.78 x 10*6 lb/sec. However, the fuel
used to maneuver the satellite, from point A into the limit cycle is de-

creased to 9.7 x 10 "3 
lb. At this thrust level, the period of the limit

cycle is 175 sec and the maximum angular excursion of the satellite is
0.242 deg. In comparing these two thrust levels (the system Is the same
in all other respects), it Is seen that with the larger tnrust, the approach
trajectory time is shortened at the expense of greater fuel consumption.

c. Pulse modulated proportional control

Reaction jets (full on or off devices) are most easily adapted to bang-
bang type control systems. If the jet operation were proportional to error
signal, it is possible that greater economy of fuel might be realized. The
problem is then to construct some device which will give an average thrust
from the reaction jet which is proportional to the error signal.

An obvious way to control the average thrust is by opening the jet
in pulses. For instance. "thrust on" for I sec. ";t'rust off" for 9 sec
give* an average th'umt of ai W0 time# the maximum thrust. I'he "thrust
on" time divided by the "thrust off" plus "thrust on" time will give the
average thrust (or "duty cy'.le"). Therefore, a pulse generator or mod-
ulstor, whose duty cycle varys proportionately with Input signal, will
yield an averar e thrust which is proportional to the error signal. Fig.
ure IV-42 shows a graphical representation of a 0.5 and 0.25 duty cycle.

Examination of the phase plane trajectories shows a dead zone be-
tween the two "thrust on" lines. If this dead zone did not exist, the two
thrust on lines would be coincident and pass through the origin. This
would mean that either positive or negative corr.ctions would he made
at all times. Thus, it is apparent that a dead zone (in which no thrusters
are operated) is necessary in order to minimize fuel requirements.

In order to control the dead zone in the system, some type of thresh-
hold detector must be used. The output versus input characteristics
of this detector must be such that when signal inputs are less than the
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dead zone angle, the output must be zero. This is necessary to prevent
noise from operatingthe pulsemodulator. For signal inputs greater
than'the dead zone angle, the outpuoshiiud be-proportlonal to the in-
put. In addition, for-signal'anputsAiticilrabl to haV^ea,small sgnal
output slightly less than or equal to-the dead zone (to insure one-pulse
and one pulse only from the pulse modulator). Insurance of a single
input pulse during the limit cycle reduces fuel consumption (since more
than one pulse would cause a higher rate and therefore a shorter limit
cycle period). Output versus input curve for such a device is shown in
Fig. IV-43.

Output 2-
signal

0
Input signal

Fig. IV-43. Error Magnitude Detector Characteristics

Figure IV-i4 shows a phase plant plot for a proportional control
system usitag a jet thrust of I lb. The system is the same as that for
Figs. IV-40 and 41. ex('ept that the thrust Is proportional to the amount
of error. The dotted line shows the limit cycle which has an average

fuel consumption of 5.01 x 10' 6 Ib/sec. while the fuel demand for

moving from point A into the limit cycle is 8.5 x 10 3 lW. At this thrust
level, the period of the limit cycle is 169 sec and the maximum angular
excursion of the satellite is 0.241 degrees.

The following (Table IV-4) summarizes and compares the three
systems:

TABLE IV-4

Limit Cycle
Fuel Economy Approach Maneuver

Fuel Economy rightness of
y .te (L kbec)! _ _b/yr _)* __ .ystem

High thrust 1.70 x 10"6 5440 tI.7 x 10 3  Very tight, can
Bang-Bang correct for large

disturbance
quickly.
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TABLE IV-4 (continued)

Limit Cycle
Fuel Economy Approach Maneuver

Fuel Economy Tightness of
Sytem (lb/yec) .....)(lb)* System

Low thrust 3.78 x 10- 6  
121 9.7 x 10 - 3  Loose control,

relatively large
errors can
develop for'
short times.

Piopurtional 5.04 x 10'6 161 8.5 x 10- 3  
Good control,

control compromise
between the
above two.

*To re-establish limit cycle from 0 0 . 50 x 10 . 4 rad 0.3 degrees;
0 a 50 x 10. 4 

rad/sec = 0.3 deg/sec.

2. Hardware Investigation

A program was undertaken to determine the degree to which the
pulse modulated system described above could be realized in hardware.

The circuis have been designed, breadboarded, teeled and packaged
to demonstrate feasible design concepts for the pulse modulated sys-
tem. Certain of the circuits are well established designs which have
been used in various Martin missile applications and represent the
result of considerable experience and testing. Other circuits have been
developed and tested specifically for this application. All circuits uti-
lize semiconductor application techniques, exclusively, to achieve a
high degree of reliability with minimum space, weight and power re-
quirements. The reaction control circuits have been constructed in
breadboard form and have been tested and successfully married to an
analog computer to demonstrate adequate characteristics relative to
stability and accuracy.

An experimental autopilot has been packaged as shown in Fig. IV-45.
This unit is designed to be pressurized to approximately one-half atmos-
phere to promote heat transfer and to avoid problems associated with
operation in a vacuum. The internal construction of this unit is shown
in Fig. IV-46. The circuits are developed on printed cih'ult cards,
each of which is mounted on a cast alominum frame. The frame serves
both a structural function and as a heat sink mounting for power diodes
and transistors. The primary heat flow path is through the frame, into
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the base platc and, from there, into the vehicle structure. Note that
this construction permits ready access to the individual cards for in-
flight troubleshooting and maintenance by crew members on manned

mission. The volume of the unit is approximately 2500 in. 3 
and the

weight is 40 lb.

The reaction control circuits provide for roll, pitch and yaw stabi-
lization during coasting flight. The reaction system provides propor-
tional plus rate control for large errors and is also capable of opera-
tion in a limit cycle mode when the attitude errors are reduced. This
dual capability is obtained from the pulse modulation system, used to
control the reaction jets. The pulse modulator operates under a con-
trol law which is linear in average jet thrust, but limits both the pulse
widtn and pulse repetition frequency to a useful minimum and maximum,
respectively.

The reaction control system circuits produce signals which operate
the vehicle reaction jets in response to attitude displacement and rate
error signals. The output signals are modulated In such a manner that
the average thru6t produced by the jets is proportional to the attitude
error signals. For errors equal to the system deadspot level, the
circuits produce single pulses of a mit.imum duration to reduce fuel
consumption.

A single axis block diagram of the control system hardware is
given in Fig. IV-47. Each axis employs the same basic elements and
the three axes are identical.

The key to the operation of this system lies in the puise modulator.
The function of the modulator is the production of a constant amplitude
pulse train whose average value is linearly related to the modulator
input signal. Th- pulse train average value is varied by control of the
pulse width and the pulse repetition freq,,ency. While the usual approach
to such a modulator calls for variation of either pulse width or pulse
frequency (while holding one or the other constant), this modulator will
vary both the width and frequency. The width and frequency are varied
in such a manner that the operation is alwa~s w i hlt the bounds of a
certain minimum width and a certain maximum frequency. This is an
advantage over the pure pulse width or pulse frequency modulation be-
cause jets do not respond efficiently to either very short pulses or very
high frequencies. The modulator follows the operating laws

T W  -. fp - 4 (fp )a (x) 0l-x).
' -x P p max

where TW is the pulse width, (TW)min is the minimum pulse width,

fp is the pulse repetition frequency, (fp)max is the maximum pulse
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frequency, and x is the input signal normalized, the value of input error
which produces a unity pulse train average value--(full on jets). The
average value (or duty cycle) of the pulse train is equal to the product
Twf p which is linear in x,

TWt p = 4 (Tw)mi n (fp)nax(X)

For errors near the deadspot value, the pulse width is very nearly
equal to (Tw)M

3. Conclusion

The study indicates that the requirements of a control system for
use with the attitude-occultation guidance system can be met with exist-
ing technology. A proportional pulse modulation attitude control system
satisfies the accuracy requirements of the proposed guidance system.
Under normal limit cycle operation, the vehicle on which the guidance
system is placed may be kept within the required radar altimeter
measurements (0.5 degree) and consequently within the I degree re-
quired for orbital corrections. The pulse modulated attitude control
system minimizes fuel requirements. The major development prob-
lem in the control system is reliability; further design studies and a
life test program are required to explore the potentialities of the dual
propellant system herein described.
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V: ERiROR ANALYSIS

A. PROPAUATION OF LAUNCH ERRORS

In general, the satellite will-be injected Into the final orlit ur.Jer
conditions which deviate front those prescribed. If these deviations
are excessive, the fuel required to make the corrections for the pre-
scribed orbit would be intolerable. Therefore_ remaining for assess-
ment are the effects of deviations In velocity, altitude and flight path
angle errors at tile time of Injection into the final orbit. An error In
the Inclination of the final orbit will also result from the injection
deviation lin azimuth. but velocity, altitude and flight-path angle errors
are normally thle major sources of error. The effects of these errors
are discussed below with reference to a circular orbit.

At the time of Injection into the final orbit, two requirements must
be satisfied if a circular orbit is to be achieved:

(I l.'o1v vector, Illust he perpieniciular to thle loc'll true
vk-llstead (i.e.. the flight patth angle z9r

(2) The vehicle must be at the altitude corresponding to the
magnitude of the circular velocity vector in (1) above.

In gncl.the above conduition.,; will not h~e sa.tisfiedi at injection,
,Inu .111 eevntl ic orbit will resulIt. SillVr* 5 

b conaide rled thle v.~kia'ttoni
fromn k illal it% ., nonlane11va tled fkiiettona of the injetetton pai rameters.
'rile e~ecla. lt"NL', asi .1 re.,iilt oif altitude. velocil% and flight pathb angle,
dieviaktions, llay be exprebs~ed as fol lowsi:

e(- r). tr (I)re) r.

r* circular orbit radlial distance

-A r -deviation from correct radial distance.

4' V AYJ( (2)

Vc velcity or circulai ity

6 V velocity error.

*Rteport No. D)A 'TR 5-59), It. Silber, Aerohallistics L~aboratory,
April 1952.
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e (.A 0)= -sMn & e/ (3)

0 . flight path angle error.

Combinations of these errors may be expressed as
e1r1. .7-' V (4V)2

l( r be) s ine(6 ) / (5)

e (_Vc osII~[(+ X -4] R- + co2  / (6)

and

T.- (7)A /r I" + -V - c (. 1 o.o /
re c r /

In view of the fact that the radar will measure the altitude at Injec-
tion, the radial distance error at inJection should not be preater than
I naut ml. The IR system should provide the proper flight path
angle to approximately 0. 10 degree. Therefore, if the velocity error
can be held to 5 fps. the eccentricity should be 0.0019 according to
Eqs (1) through (7) above. The assumed errors also introduce a slight
rotation of the line of apsides: the direction of rotation being dependent
on whetlr the errors are positive or negative.

The effects of this eccentricity on the apogee and perigee radii are:

rA _ , 6
FC- " c V- /

S s) e ( 2. cos

(8)
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where

rAz apogeecradius

and

I + Z, \21 + . _ A N2 C0 2  4' o
" ....o

,. ,. P .-,_4V )-( _'(, 1
(9)

where

rp . perigee radius

Substituting the above deviations in velocity, altitude and flight pathr

angle Into Eqs. (It) and (9) gives a ratio-. A  1 .0031rp

where

rA ' apogee radial distance.

rp . perigee radial distance.

This corresponds to an apogee-perigee difference of apprnximately 40
naut mi at the injection altitude in question.

The error coefficients for perturbatious in the eccectricity and
perigee-apogee radii are summarized In Table V-I.

ER 11647



TABLE V-1

Error Coefficients

6e x 0.010/0.05% radial dlistance error at itjqction.

Ae . 0.020/I% velocltv error.

Se . O.018ldegree flight path angle error.

4 lS o deviation in perigee radius /1o deviation in injectlo
6r, radius.

Ar
• 0 for LV 0, -4% deviation in perigee/- 1% deviation

c in velocitF.

hr
1. 18% deviation in perigee radius/1S9 deviation in
flight path angle.

6rA
35. deviation in apogee radius/I deviation in injectionr radius.

6r
A6r- 4% deviation in apogee radius/19% deviation in injection

V velocity.C

Ar
A

1. 8% deviation in apogee radius/I% deviation in flight
path angle.
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HI. SYSTEM ERRORS

1. The Radar Altimeter

If the signal-to-noise ratio in the IF passband of the receiver can

be maintained a( t bufficiently high level (>12 db), the radar range
can be measured with a precision of from 0.10 to 0.20 mi. The radar
altimeter section (IV- A) has shown that the signal-to-noise require-
ment can be ,atisfied with the system design. There are other sources
of error, however, wiuch wili increase the above error estimate. Due
to the method of tracking the local vertical, the radar will not,-in
general, be looking along the-true vertical. In addition, the initial
radar readings cannot be corrected for target latitude at the time these
initial measurements are recorded, and a mean earth radius must be
used to define the radial distance of the satellite from the center of
the earth. When the orbital parameters have beenestablished, the sum
of the radar altitude readings and earth radius can be corrected for
latitude.

A consideration of the geometry of the problem indicates that total
error in defining the radial dtitance of the sateihte from the center
of the earth should be slightly under 1.0 mi in the initial calculations.
This level of accuracy cannot be expected to hold for I yr of automatic
operation, due to drifts in the vertical tracking system and the radar
altimeter.

2. Infrared Vertical Tracker

The IR sybtem provides the error signals for continuously erecting
the vehicle to the local vertical. The accuracy of the IR system can
be estimated from Fig. V-1.
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F R r Ar 22r

s - arc sin h arc sin

+ ---r---'"

Fig. V-1. Accuracy of IR System

In an attempt to obtuin the maximum value of # for a given altitude,
one of the two radii of tangency is assumed to be at the pole, in which

case is maximum (-0.00225). The other two values of ar are
then functions of satellite latitude. However, for purposes of simplifi-
cation, the altitude is assumed to be measured from the radius of a
sphere of the same volume as that of the earth. Thus, Ar 3 * 0. With
these simplifications, the error in the local vertical due to the earth's
ellipticity is less than 0.122 degree above the 1000 statute miles. Thus,
while this number represents only the inherent inaccuracy of such a
vertical defoning technique, it appears reasonable to assume that the
local vertical -in be known to within 0.1 degree at a 6000-mi atittude.

This accuracy seems to be sufficient, since the present studies in-
dicate that errors in the direction of the thrust vector as large as 0.5
degree produtu v'ry Alight errorq in the orbital parsmeters.

It is not expected that a 0.10 degree precision could be maintained
over a period of I yeir tuw to drift.a in vircuit components of the system.
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3. Occultoscope-Star Tracker System

The overall effects of any errors in the occultoscope-star tracker
system will be interpreted as "time of occultation" errors insofar as
the orbit computation-is concerned. These errors arise from meteor-
ological fluctuations and instrument errors. Work* completed on
another phase of this effort showh that the expected error, in the de-
termination of the actual occultation time should be no greater than
0.10 see. In the error analysis of the system contained in the following
section (V-C). we have assumed the "tine error equivalent" to be
somewhat larger. The geometry used in the error analysis (as bhown
in Section V-C) and the 'time equivalent error" at the upper limit of
the occulting surface are taken as 1.5 mi (Fig. V-2).

Use of this estimate of error results in predicted position error
within the I mi required f an rxcess of orbit computation data is
available.

*"Stellar Aberrascope Study," Final Report.General Mills, Inc.,
December 1960.
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C. COMPOUNDED SYSTEM ERROR ANALYSIS

The problem of processing data to obtain a prediction Is crucial to

any position-predicting system. In this section we will consider:

() Measurement of errors.

(2) Handling of systematic instrument errors.

(3) Errors in time.

(4) Sources of errors.

(5) Program for evaluating system.

I. Measurement of Errors

Errors mtdsurements have been considered as

jm ' I 3 Cj JI

Measurements usually are given as range, an angle, a range rate, or
angular rate, at some known certain time. A range measurement means
that the object Is some place on a sphere. Near the approximate posi-
tion, the sphere can be considered by a plane. An error in range implies
an error in the location of this plane. Let dF be a unit vector normal toth 1a g plne .and CO
the range plane. The direction cosines ofd. are coo 0, coo a

cos Yi. An error in range causes an error in the positioning of the

range plane along the normal. The positioning of this range plane for a
given range error is

by, a A xIcos *I + A yi coo a +Az i Coa Yi (2)

If the approximate orbit is known then the direction cosines are known.
We assume that a slight error in the direction cosines caused by errors
in the approximate position are negligible. Since

6

E R Xg1(1t647Cj
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C

I ul Y. (ai, c(

6

It is possible to write AN 1  (n ) aC1

Wi )1Cj(4

by combining Eq,(2) and (3). This Is the form required for uise ia the
least squares method.

An angle measurement also establishes a plane. A direction measure-
ment is the intersection of two normal planes, each plane containing
the line of sight. An error in direction is the error of the Intersection
of two planes whose position errors are independent of each other. An
error in direction is written in the required form as two independent
measurements of position planes which are normal to each other.

Error in range doppler can be written, where M.,-

C05 I 0ota +.O coo at +'i Cos 'Yi

Using Eq (3) 6

6

* .yg (d tI)AC (6)
Jul

6J-l

Ai lI 114
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leads to

I (C t) loci (7)

which can be tted with our formalism.

For angular rate measurement, similar reasoning leads to the re-
quired form with the two inoependent measurement planes in velocity
spt~ce.

2. liandlIng cf Systematic In.strument Errors

Instrumnent errors are usually classified as random and systematic.
We have shown how to handle random errors, and until now we neglected
the possibility of systemntic errors which can be handled. To illustrate,
we take a radar set range measurement. A radar measures the time
Interval between the sending and receiving of a radar signal. There are
two possible systematic errors besides the random or noise errors.
The range or the time interval is measured by starting and stopping of
some timing device. The radar may consistently start or stop the
timing device ePrly or late. This means that the measured range, out-
side random errors, is off by a constant. The second error would be
in the timing device. It may run fast or slow which introduces a linear
error in the range measurement. A range measurement can then be
considered as

rmeasured * ro +r i +a+bro  (8)

where -Ari,. the random Gausian error, ro0 the actual range, a, a range

error in stopping and starting ofciock and br 0 . the error caused by the

timing device being fiat oi- siow. i-oquation to) can be written as

br1 I rmeasurement - ro - a-bro  (9)

Equation (3) becomes 6

51 1- (°' tl)iC -a-bro (10)

The developed formalism can be used. The systematic errors are
Just treated as two additional constants of integration. Any systematic
error which can be linearized can be counted for by considering it as
an additional integration constant to be evaluated.
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3. Errors in Time

Intil now we have assumed that the basic time of the measurement
w.- nt in error (i.e. . the clock was perfect). If thire is systematic
i.'ear trror in theclock, this error can be treated as another constant
to LZ .taluated. The error in the clock would generate an error in
the position of the reference orbit. The error* with respect to the
reference orbit would be

6

8C "a C +'j't (I

where "a" is rate of linear time error. Note that a time error for
elliptical orbits might be considered an error in the semimajor axis.
or in the gravitational constant.

If the time of measurement itself Is subject to a random error then

6 OhIt A Mi
hmi i C

IjZ. dt
J.l J

or

_A i M, M i - - -- t I I-,C

0=

where 6M' is new measurement error that includes random time error.
The square of the standard deviation of bM' is equal to the sum of the

aM
squares of the standard deviation of AMi and d' At.

a. Nonindependent measurements

We have assumed that each measurement is independent. For the
system that we shall evaluate, the occultation readings will not be
completely independent. The variation in the atmosphere is really
not Gaussian. It could be hoped that some sort of prediction method
could be incorporated into the present position predicting syst-' to
Improve it. This paper does not conuidernonindependent measure-
ments.

b. Evaluation of a functioning system

After a system is in operation, it should be evaluated. By using the
"best" orbit, the hm I can be tabulated and the instrument standard
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deviation can bp evaluated statistically. If more than one type of
measuring instrument is used. care must be taken in the evaluation of
the individual instrument errors.

In the evaluation of the actual standard deviation of the instrument
errors. the distribution of the samples should be Gaussian. Measure-
ments ttken in different directions and different parts of the orbit also
should be subjected to analys.s of variance to try to locate irregularities
In the evaluation of the standard deviation. Any non-Gaussian effects
could indicate that the instrument error Is nou-" -silan or that there
is a systematic error in the orbit, i.e., some s:,,..ificant physical
effect is being neglected. Whether any non-Gaussian effect in the
inst.rument on an error in the equations of motion will have to be left
to tbh discretion of the person analyzing the statistics and available
physical explanations. The existance of non-Gaussian effects should
should be investigated with all the tools of statistics and physics. An
attempt should be made to construct some xplanation for the existance
of non-Gaussian effects exists.

c. Probability ellipsoid

We want to know the size of the ellipsoid for different p (percentage)
levels. First, find the elgenvctors and elgenvalues of the 3-dimen-
sional positional probability ellipsoid. Reorient the axis and the distri-
bution is In terms of and t, and 1) and the inverse square root of the

eigenvaue (a, ..- 2 2 21 (12)

I L o 112 _L +(-L.) +_(4)l-
f(CoX) 1 77- 0 o a', al e. 0 V d,

(2v)'3 2

A linear change in variables. x = - y and z - -
2
,make

the distribution spherical. Now change to spherica coordinates and the
probability of the actual object being within a certain sphere R (i. e., a
certain ellipsoid) is

R

4)312 e 1/2 r r
2 

dr

0
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For twc dimensions. the equation is

R r 2  
R 2

P 2 (R) S 2w r a' T dr • I - e
0

and for one dimension
R r2 

( 4
P ( e' T dr (14)TW(} -R

These are tabulated in the following order.

R. i, 3(_) p 2( R) P,(_ )

0.5 0.0:13 0.1175 0.3829
1.0 0.11-87 0.3935 0.6827
1.5 0.4779 0.6753 0.8664
2.0 0.786 0.8647 0.9545
2.5 0.9000 0.3561 0.9876
3.0 0.9707 0,P880 0.9973
3.5 0.9934 0.9978 0.9999
4.0 0.9989 0.9997 1.0000
4.5 0.9998 1.0000 1.0000
5.0 1.0000 1.0000 1.0000

4. Sources of Error

There are two major sources of error in the measurement of the
time of egress or ingress of star by an occultation instrument. One
source is the occultation instrument' s inability to determine the exact
time of occultation. The oths r is in our knowledge of the exact density
profile of the refracting atm,'iphere at an) specific time. The linear
sum of both errors will be considered as variations in our knowledge
of the radius of the earth. hath the occultation instrument time error
and earth radius atmospheric errors for this analysis are assumed to
be Gaussian. independent and with fixed standard deviations, so that
their linear combination has a normal distribution.

a. Effect of errors

When an egress or ingr.eh .i a atar occurs, the satellite is somewhere
on the occultation cylinder (see Fig. V-3).
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-- Star

{Center of the earth

(Earth
- .radius)

Occultation cylinder

Fig. V-3

When the appro'imate position of a satellite is known, the occultation
cylinder can be approximated by an occultation plane. The satellite
is in some "sample" plane which is parallel to this occultation plane
when the occultation instrument indicates an occultation. Since both
sources of error are Gaussian. the distribution of distances of the
sample plane from the occultation plane is therefore Gaussian.

b. Coordinate system

The intersection of the satellite orbit and the occultation plane will
be the origin of right-handed Cartesian coordinates (Ax. 6y. Az). The
,z axis is established by drawing a line through the origin and the center
of the earth with the positive direction being away from the earth. The
Ax axis Is In the satellite orbit..1 plane with positive direction in the
direction of the velocity vector of the satellite.

The distance between th occultation plane and the ith sample plane
is d . _Aid 

3  where bd is unit vector normal to occultation plane

and Pi Is any position (.x, .  yi, _AzI) on the sample plane. The direc-

tion cosines of Sd, are cob c-V C iI and cos 'V.

_d .4-9 * cos * . cos O i + Azi cos (15)

c. Calculation of occultation plane

Because our primary Interest is in errors in circular orbits, the
orbit will be assumed circi ar about a spherical earth (Fig. V-4). The
position of the star of the jn occultation will be given by its right
ascension (as), and its declination (Q . where the right ascension is
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measured in the crbit plane from the x-axis. For a specific star and
a specific orbit the relative aI and a, can be calculated from the

celestial right ascension and declination and knowledge of the specific
orbit.

In a right-hand Cartesian coordinate system (x, y, z) whose origin
is he center of the earth, the satellite orbit defines the x-y plane
where the arbitrarily chosen perigee defines the x-direction. Using
usual Eulerian angles (see Goldstein, Classical Mechanics. Section

IV-4),rotate by an angle a, - i about the z-axis (see Fig. V-4). Then

rotate by an angle $I about new x'-axis. This points the new y" axis at
the star.

Z. Z

6
z

y" Star

y

a' x*I X., X..

Fig. V-4
2 2

The equation of the occultation cylinder will be x" + z" R

The intersection of the orbit and the occultation cylinder will occur
at

2
r

2 _ * R
2  

(16)

where r is the distance the satellite is from the center of the earth.
Let 0 be the angle from the x axis to the satellite" s position. It can be
shown that the satellite crosses the occultation cylinder when (use Eq
(16))
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R2

( 0i 2 612 & C06 2 m - 1)] - ax fo2 vluso

Given r of the specific circular orbit, there are four values of *?4

a e- which satisfy Eq (17). OccultaLon can occur only where coa

(0- o) cos (oM ) <0.

d. Direction of errors

When the plane is through the center of the earth, the satellite and
reference star, this plane intersects the earth forming a great circle
(see Fig. V-5). By spherical trigonometry:

tan A I tan-6 1

Great circle -

intersection

Position of
satellite pro-
jected on the Star
celestial /61
sphere

Fig. V-5
l

The angle AI is the Ith ,tar's azimuth in the satellite' o, (bx, by, 44),

coordinate system at the time of occiltation. From Fig. V-6, the ith

star's declination D, at the time of occultation Is cos D, -R %here
-900 < DI < 0. z-axis

0--' !,ine of azimuth on x-y plane

r

Fig. V-6
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The direction cosines of the line joining the satellite and the star are:

Cos & coo Di coo AI

coos •8 Cos Di sinA t  (18)

cos Vi " sin Di

The azimuth of b"d" is obviously equal to A I and its declination is equal

to D + w. The direction cosines of the normal are:

cos o I  - sinD i cos Ai

cos il - - sin Di sin A, (19)

con Y = coo Di

For the radar readings. the direction cosines of the sample plane are
fixed cos a, - G! - 0 and coo y, - 1.

3. Program for Evaluating System

a. Program

i'o obtain Eq (4) we use Az a 4o r cosn + i r *in 0; (na .0 1 - 0)
A V 16V A V

Ar • 2r o + 2r "-'- - coo M (Aro + 2-V) 4 aln M (r _ L)

Aro  Av r1r6 hV1
h6 -- 3M (:_ -+ -n) + ,w + 2 sin M L -r- + 2r I-  J

2 (1 - con M] - -and Eq (19) to construct

matrices (cos ai. cos i coo Vi). (20)

0 0 1 - 2 4+2 cooMI -3M l +2sinM 1  -3M i + 4 sin i
sink ?ACosM 1 0 0 0 0

0 0 0 sin M 2 -cos M 1  2-2 cos M1
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The product of theses two is defined as mt a hich Is equivalent to

Eq (5). Each m,~ is then divided by its specific a1. The n readings and

resulting !I are combined to form matrix

IT

(21)

m

Which 1-4 Inult..plied bA "t, vnpsd

(22)

w he re E,% A%
p pa pa

Ri'e fl:I place of data to be obt ilnei from theM IIs the quality of
the evaliuat~on, of -In. i'his 14 obtained by matrix multiplication.

loit

(000022) M-1 , An. (23)

2,

If n different iet of parameter, "c ua wed, the o
0

l could have been

tkndirectly fh on% the 11 matrix.

F~ur prediction, the matrix of the required linear transformation 1s
equal.

llt 1147



,0 0 1 -2+2cos M -3M +2sin M -3M +
Mt- Isin M o S 0 0 00

0 0 0 sin 2 -cos M 2 - 2cos J
(24)

rite characteristic function of the 3-dimensional probability ellip-
sold is obtained by matrix multiplication.

-, (,. .e l I (25)

,rhe eigenvectors of this matrix are the eigenvectori, of the positional
probability elliphuid and the square rout of the elgenvalues are equal to
the standiard deviation along that axis in the positional prubability ellip-

ro flnd the Inplane probabity el.lipsoid, Cq (24) is redefined

0 0 1 -2 2cos %1 -3M +2sin M% -3.I +4sin NI

(7)- 0 00 0 0 0 (26)

0 0 0 sinNr 2 -cosM 2 -2cosM

and Eq (25) becomes

10 0 0
1 2 2 ,

_7 'a z 0 a~~ tx4.(tax . e- Ix o ) Ax

which yields 2-dimensional inplane ellipsoid.

b. Evaluation of the system

A computer study wa, conducted to determine the quality of predic-
tiun that can be obtained by i satellite borne occultation-instrument
radar-altimeter system. The study was not exhaustive but the general
accuracy of the system was determined. We shall present some sample
result; to ilustrate our general conclusions.
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For the sample predictions we assume that the vellul is in a six-

hour circular orbit ( r - 5 . 5 x 107 ft) and thait occultation (ingression
and egression) are taken from four stars whuse location is given in
Fig. V-7 and Table V-2. The aI and ai were defined in Fig. V-4.

ZY

Table V-2 z

-45" 1 " I_.sl

-

X "Fig. V-7. Star Location

The 6' s were varied, but the absolute value 6 of the stars was the same
for each ps ed(ction.

A 3a value (see Table 1) of the occultation readings whs taken as
1.5 m! which seems to be a reasonably representative value when con-
.lderng the statistics of the atmospheric variation. If another 3a
vtlue were chosen, the results of the examples would only need to be
itnearly scaled ThP 3., value may be pessimistic because the occulta-
tion readings are not completely independent and some sort of predic-
tor methud might reduce the inaccuracy. It should be noted that a con-
stant bias should at least he assumed for the actual prediction. This
bias would be treated as just another constant of integration (see Eq
(10)).

In one orbit, 8 occultation readings can be taken (4 ingress and 4
egreis). For the six-hour orbit, the elevation of an occulting star in
the satellite coordinate ,ystem (4x, .y. Az) is -67.9" (see Fig. V-6).
The basic AI anti a Mlfor 6

i is given in Table V-3 (see Fig. V-5).
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TABLE V-3

61 A 6

5' 13.4* 158.4'

10, 27.5* 16 0. 2

is* 43.5* 163.0'

The quality of prediction Is represented by a 3a. 3-dimensional
ellipsoid (see Fig. V-8) which would contain 9776 of the orbits if 8
occultation readings are taken, for 360 < Mi< , 6 1 100, 3a - 1. 5 mi.

The prediction libulds are for M r 0', 301 and 600 (Fig. V-8).

In general, the tni-axial ellipsoid has axcs which can be designated
as the -4x. A y and A1 z axes because the ellipsoid does not tumnble as
M I1 varies. It oscillates and pulsates, but it does not tumble. In

general, the A x-axis in greater than the A z-axis. As the declination
of the stars is increased. the 6 y-axis of the probability ellipsoid de-
crea.sed rapidly while the -A x- and 6 z-axes increased slowly.

Figures V-9 and V-10 represents the length of the ay- and ax- axis
as a function of the Mtof prediction. The ZA z-axis was not plotted
because It is always less than the 6 x-axis. The -A y-axis in cyclic as
Is the A z-axis, but the 6 x-axis increases as the time of prediction
increases. Biy inspection of eq. (20). It can he seen that (fie non-
cyclic part of 6 x comes from an error in A a 0i e. an error In the
evaluation of the period). For the runs of Figures V-9 and V-10 the 3a
values of A a are tabulated In Table V-4.

TABLEh V-4

5* 0. 4813 miles

10* 0. 554 miles

15, 0. 721 miles

The A a increases with Increasing a i.

Although we are primarily interested in the 6-hr orbit, the altitude
varies. The major effect of the lower altitude Is an Increase in the
,6 x error and a decrease in the A z error.
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Because of the cyclic nature of the 6 y-axis and its relative inde-
pendence of Ax-and Az-axes with respect to tile perturbations of drag
and oblateness. it is assumed thit the At v-axis may be smoothed over
many orbits while the Ax -A z plane can only be smoothed over many
fewer orbits. Beratse of tM:s oue, Inte, est is now focused on the pro-
jection of the ellipsoid onto *.he .' x-A z Flane (see Pl, 26)

Of vital importance is the effect of smoothing over sevet a orbits.

Going back to the original 8 occultation readings in one orbit. rdr
readings are now added. Prediction is made where 4 or 12 additional
radar readings are evenly spaced in one orbit where the radar 3o values
are taken as 1.5. 0.7 and 0.3 ni.

The A x-axis is plotted in iig. V-12 for I radar readings and Fig.
V-13 for 12 radar readings. In general, after several radar readings.
additional. radar readings to not improve tle accuracy very much.
The improvement is strongly affected by the a of the indil.idual radar
readings (Figs. V-12 and V-13).

The radar readings primaril crease the marginal A z distribu-
tion of the probabilit% ellipsoid. If the 6 x-axis of the probabilItt
ellipsoid makes a relatively large angle with the 6 z coordinate axis.
the radar readings help a great deal. %% hen the marginal A z distribu-
tion is smaller than the a of a radar reading, the radar readiig does
very little in improving the -A x-axis of the probabilitN ellipsoid (i. e.
the important error).

The radar, in general, helps to establish accurate prediction more
qiecklv. If establishing 2ccurac% in a few orbits is not necessar%. tile
occultation measurements will eventuall% yield the required accuracy
(Fig. V-.11.

',%e h...l consider the projection of the probability ellipsoid in the
A x-A z plane. For these predictions, 24 occltations readings were
taken with 8- 5

On the first of these runs, the 24 readig, occurred in one orbit
at the places specified in Tat) e V-2 For the second run. the 24
readings were taken in 3 orbits; and for the third run, in 5 orbits.
The resulting A xaxis of the ellipsoid is plotted In Fig. V-Il.
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f Vl-1

VI. RELIABILITY ANALYSIS

In a study of this type, attention to reliability is an important
means nf determining the limits of mission length and complexity of
equipment. Elaborate analyses of highly hypothetical equipment, en-
vironment and functions are better reserved for the time when an
actual hardware program is closer to reality. The analysis below is
an elementary estimate based on a favorable solution to the environ-
mental control problem and also on a successful solution to all design
problems. As an cx. mple of what is not considered, the horizon sen-
sor used in Tiros I was useless because of certain technical features
that were incorrectly specified The horizon sensor did not "fail".
apparently. The material presented in this section does not deal
with such difficultie,.

The reliabilities of various subsysiems are offered as probably
the be.,t that could be achieved with component parts available in the
next several years. Reliability comparisons of various alternative
system concepts have not been made, since accuracy dictated the
proposed configuration

The most obvious conclusion is that a 1-yr mission seems out of
the question.

A. RADAR

The radar, used for measuring the earth-satellite distance, is a
vital element of the guidance and control system. Cessation of range
data would make it tmpos.h lc for the satellite to determine and cor-
rect its orbit.

The tecommended sybsystem is a pulsed-magnetron timed-echo
radar, unusual only in its extremely low pulse repetition frequency
(15 pps) and its intermittent operation. The low prf does not appear
to create any teliability problem. The on-off operatin is a cycle
of 90-sec warmup, 10 see of pulse radiation and power off for 58 min.
Total radiating time in I yr is then 24 hr. which is well below the
minimum radiatiug life (250 hr) of the magnetron contemplated
(Ref. VI-1). To ie conservative, however, the operating time of the
rad'ir is taken to include warmup time. then. total time is 243 hr.

The estimated part count and probable failure rates are listed
below, Before discussing these, it is well to note that the environ-
mental parameters are quite uncertain and would remain so until
a packaging couicept is defined.

I It 1 647



Environmental control in a sateltite can make a iery important
difference in reliability. While shock and vibration protection for
the initial boost are absolutely essential, the temperature control
features for the 1-yr mission will determine the eventual life of the
radar. In a vacuum, convection would depend on a locally contained
atmosphere coupled to an external heat radiator. It seems certain
that the requirement of 1-yr service dictates a nuclear reactnr of
rather low efficiency. Such a power source is quite likely to require
dissipation of more than 1000 watts/sq m of satellite surface. That
is a rule-of-thumb threihold beyond which an active cooling system
is icquired. Thus a pressurized atmosphere for convection, with
the attendant circulation system and pressure-gas reservoir, appears
to be required

Under these conditiors, a comfortably high ambient should reduce
the termal stresses of in\termittent radar operation.

In Table V1- I below, estimated use of various parts in the radar
is listed. Also shown are probable failure rates.

TABLE V1- I
Radar Altimeter Reliability

Maximum Failure iate

Cormnent Quatity (failurell1 6 hr)

Capacitors. LV 130 0.01

Capacitors, lIV 4 1.32

Diodes, silicon 8 0.2

Diodes, zener 2 0.03

Diodes, rectitier 32 0.2

DMode, iniscelianeous 10 0.2

Cods, r-f 14 0 01

Coils, filter choke 1 0.03

Inductos s 26 0 02

Itesle )r 100 0 03

!t 164,



TAI . ; 'coitu

maaxinesm F.,tur.- Rate
Component Quantity 

6

Resistor 0 j28

Transformer, power 0 4

Transformer. pu e 0 15

Transformer. IF .5 0.1

Transistors 20 0.5

Klystron L 3.0

Magnetron I 150 0

Pentode 2 1.6

Thyratron 1 6.5

Blower 2 2.4

Fube., 2 0.5

Relays 10 0 04

Relay. therm,; I 0 4

Iectifier I 0 b

'A ave gile sWlt h 2 0 5

I ectional coupler I 1.64

Tit tube 1 5 0

Total falw e rate 20.1 09 x 10"6/hx

Total operatling time 243

Total expected failha es (I ",) 0 0506

Correction for orbtatdl envl o11(lit 0.0506 x 2 - 0.1012

Reliability for one yvar - -e
"0

.
l
4 = .. 00
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Tne !a.'ir rates3 &P 'o .oove t.ble are taken .'" .Fef. VI-2. The
correctLon for - ,,.ro.'* ,', . ,',,m proprietary data
of ,Martin's a tt:,'

ovia.. cons, A"-tion of th " vi, -0 malgnetror " radiating" Mono is in
or4,z'. T1ha .- he time .- r, ,'hich pulses 4re actually behg trans-
* m.tted. "'. , .- ' ,! 1% ) the magnet 'on is 250 hr, thvre is
cv!de -; "-. ..t y nrg'rt ,.' 1 tail soa.-. If it is desired to
.estn't'"otal rad!, .mi tlrr,& to i00 hr during a ,ear, or 41 see/hr.
a 5-h-3t ioult-. not :.vo.ve: ny mtore th.Ln 246 sec of altimeter

• ... nu .., ml: tv t, :...asur.otenxb per orbit should be
. oed to below 41 sec each to be conservative of magnetron

df,- That allowance seems very generous, as just a few seconds,
• ..nly less than 10 at a rate of 15 pps, are needed for altitude

measuz traient.

B. KR SYSTEM

The horizon scanner used to establish the vertical is a group of
horizon ,-0, , and associated electrical circuitry. Barnes Engineer-
.. tompany has a contract with ARPA which may result in the develop-
ment of a long life. high reliability device. In this development
program, Barnes has tested a breadboard vibrating-mirror type of
sensor for over 2000 hr without failure. It is expected to have an
P.,.Sting life of over I yr. Older Barnes models (13-130) operated
successfully in the first manned Mercury flight.

The ree--!nsended configaration is four sensors mounted along
the. ejges of a four-sided p.,ramld, tVie diagonally opposite sensors
being paired to provick detectio i of two vertical planes whose inter-
section is the vertical.

Based on data suppled for a similar three-sensor configuration.
the reliability of the four-sensor sysitem is quite low, 0.045 1-yr
operation. Since the four-sensor system could be operated with
one sensor out of commission, with certain fail-safe provisions,
it is of interest to comider the probability of "any three of the four"
working. That probability, computed by the binomial probability
law, ts 0.250, still quite low but a substantial enough improvement
to motivate further study of the fail-safe feature.

Fail-safe devices would include:

(1) Sensing the malfunction of one of the sensors.

(2) Switching the outputs of the three good sensors from
satellite attitude control amplifiers to an intermediate
computer.

ER lIC47 
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(3). Providing either a simPle analog computer or a program
for the satellite navigation computer, which could deter-
mine the vertical from three sensnr,

Given In Ta'e VI-2 are the components of a single sensor and ex-
pected failure rates.

TABLE VI-2
ateliability of a Single Horiron Sensor

Part Type Quantity Total Failures/ 106 hr

Resistor, 10% 94 4.0

Resistor, 1% 5 0.3

Capacitor .,xramic 4 0.2

Capacitor, electrolytic 9 0.3

Capacitor, tantalum 28 2.8

Capacitor, mylar 6 0. 1

Diode, silicon 40 8.0

Diode, zener I q.2

Transistor, germanium 3 2.7

Transistor, silicon 39 19.5

Potentiometer 2 2.4

Multivibrator 1 1.2

Transformer 2 0.6

Trimpot 1 0.1

Motor 1 0.3
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TABLE VI-2 (contiuved)

Part TMW Q3uantity Total Failures/ 106 hr

Thermistor bolometer 1 (1.6

Vibrating-mirror assembly 1 0.1

Total 43. x 4Q

~ ~ tme I760 hr

Expected number of failures 0.76

Reliability of a Ringlt- sensor for one year is Raa e- 0.76 = 0.468

Given In Table VI-3 are the components of the Barnes Model 13-160
summer circuit. which combines the data from the individual sensors.

TABLE VI-3
Reliability of Barnes Summer Circuit

Prt Type Quantity Total Failure/ 10 6 h r

Resistor, 1% 3 0.2

Capacitor, ceramic 1 0.1

Capacitor, tantalum 3 0.3

Transistor, silicon 3 1.5

Diode. zener 1 A..2

Trimpot 2 0.2

Relay 3 0.8

Total failure rate 3.3 x 10- 6

Environmental factor 2

Operating time 8760 hr
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vnew~'lnumber of failures 0.0578

Reliability of summer -Ircuit for one year is Rey * - 0.942

The reliability of the larneu 13- 1Bfl with three sensors Is

R. He (0.468""i (0.942) - 0. 0966

The reliability of a bimi. -. device with four serrso.s le approxi-
roately

It 4 e.(0.': -42 5

The reliability r a devive whie~i .,ss trair sensors it available.
or three if one failu, is

tc [8 4 (1 - It .)J H Its [41E - 3Ht 0.250

It wouzld appear that thre value of ai tour-beau system lies largely in
its; providin~g a fo~rmr of redundancy. Thus. the additional tail-safe
!catures mentioned above should h~e considered.

C. OC.(tIl.TOSCOIlk.- STAR TR1ACKE~R

This seneor consists of five telescopes mounted on a stable plat-
form, which moaintains its orientation with respect to stars lby a
s'~rvodrivc closing a loop with, the telescopes Trhe control comn-
p:anents are shown In Table VI-4.

Of the five tel'-scopes. tW') are used to . rb." ialI tracking, anid if
either fanilh, like other 'irovides suifficient data. Of Vic three remain-
Ing telescopes (which observe the orbital plane) any may fall, *ow-
ever, the rematndier will provide sufficient data.

Canlling the reliabii ty of tlat- control comnponennts it Iaid the reliabilI-

ity of -a single telev':ope arida its associated hanrdware )I2 ( Table V'l-4).

tie reliability of the occultoseope-stAr tracker is

- t 1 '1( - 11 2) (3 - 2H 2)

i'M( tIIL1
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TABLE VI-4

Reliability of Occuttosrope-Star Tracker

Failure Rate/ Expected No. of

Components Quantity 106 hr Failures/10
6 hr

(Control)
Servo motor 3 0.23 0.69
Synch z o 3 0.35 1.05
W---. gear aesembly 3 0.9 2.7
Slip ring assembly 1 0.2 0.2
Gimbal assembly 1 7.5 7.5
Transistor, silicon 15 0.5 7.5
Power supply 1 6.5 6.5

(Single telescope)
Lens 1 6.9 6.9
Vibrating slit assembly 1 0.6 0.6
Photoznultiplier tube 1 20.0 20.0
Resistor 5 0.03 0.15
Capacitor 2 0.1 0.2
Photocell 1 4.7 .1.7
Transistor. silicon 2 0.5 1.0
Relay DPDT I 1.Olartuation 10.0

(Assume 10 actuations because tiA.- relay operates sun-
protection cover, which should never be needed)

Total failure rate. conttol3 26.14 x 10" 6 /hr

Total failure rate, one telescope 43.55 x 10" 6 /hr

To account for orbit environment, we use an environmental
factor o: 2. ' cz,

R= e52 x 10
6 t

R2 e-87 x 10 "  
'

R e-313 x 106 t e-87 x 10 
t t) (3 - 2e87 x 106 0

For one year (t - 8760 hr)

R - 0.0650 (1.532) (2.064)

- 0.206

LRII b4/
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D. POWER SYSTEM

Of the Possile sources of power, the use of an Isotope- fueled
thermoelectric generator is recommeiud. The Martin Compatuy
has propoied, &-eifgnvd and buit %iviety of surh gecterators. and
the retiaou.,ly estimate below is uased on one such proprietary design
(Ref. VI- 1) ', short discussloa of the conceivable mtc,;es of failure is
given beloN, z'lowed by a recabilhty -M.i~ese of a power source suitable
for the Syn. ;roni~cd Fw~ellt-

'.he two vital functions t ,. :w formed by the powe, unit are:

laintcnahce of the i equired Seebe'ck voltage.

(2) Control of the internal resls.ance.

Tne Seebeck voltage coefficient of the materials considered appears
on the basis of tests to be only insignificantly dugraded through timea.
If a mechanical failure in the structure of the power unit or an in-
sulation failure occurs, an adverse effect on the Seebeck voltage may
result. A fracture which rv~ults In leakage of the gas in the genera-
tor housing would cause chemical changes of active elements, re-
sulting in increase of internal rc.,istance. Insulation degrades with
time. unc'er elevated temperatuires. The corresponding reduction in
temperature gradient reduces generator efficiency.

Internal resistance and load resistance must be matched to allow
operation of the generator at maximum output power. Also, an In-
creased internal rehistance lowers the maximum available power.
Various metal bond.,, spring contactR and thermoelectric elements
may crack or fracture undei vibrationt and shock. The attendant
loss In circuit continuity causes partial or complete failure of the
generator output.

Contact i esistivity I. considered the greatest contributor to in-
creased internal resistance of the generator for Jong periods of time
The band between the heat source and the thermoelectric element,
being maintained at a high temperature. sublim..4 significantly over
a long period of time, resulting in increased internal resistance and
reduced power outpit.

The vat bous conevivable sources of failuic are listed in Table VI-5
with estimated numbers of failur es over the I -yr period,
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TABLE VI-5

Thernmoplectric Generator Reliability Estimate

Expected Number of
Source Failures/I yr

Seebeck voltage

(1) Thermoelzctrl " ,nni.i

Dcgrad-ati.,n of - ,nt 0.000000
Flenro,v twlec'tm, :..n In-tatiotni n fnnntl

2) Temperature gradient
Structure and loss of gas 0.000009
Thermal control 0.000196
Insulation 0.001000

Internal resistance

(1) Mechanical failures 0.009240

(2) Degradation of contact and
element resistivity 0.000000

Total expected number of failures 0.010445

Reliability for one year e' 
0 0 10 4 45 0.99

The extreme reliability of the thermoelectric units is borne out by
tests of duration up to 315 days, with no significant change in the See'eck
voltage-temperature coefficient.

The structural reliability is bazed on a material strengtn safety
factor of 1.5 and a material strength contrnl to within 7 %- nf nnminal
(1a). The probability of an overstress on this basis is 0.000009.

The thermal control reliability is basad on two independent systems
in active redundancy. tbach system consists of linkages, hinges, sup-
port and spring, bellows, It Ies and a temperature sensing bulb, with a
total failure rate of l.fl/milion hr in the space environment. Excluding
prelaunch difficulties, the expected number of failures for t hr lb

1.6 x 10'6 and the probah.lIty of survival l,

itt 2e-1.6 X 10"6t - c-3.2 x 10"e6

Lit I i47



For I yr, H t 0.999804, with an equivalent expected number of

failures of 0.000196.

Insulation deteriorates slightly with age. and there is a 'mall
probability of sufficient degradation to cause generator out'ut to drop
below minimum power required. The calculations below were worked
out based on an older power generator and would be more favorable
with newer designs. It is estimated that the thermal conductivity of
the insulation increases by about 1.7%/mo with a standard deviation
'!f 0.05%/mo. , heat loss through insulation is 15.5%, and if
this exceeds 18.3, power output will be bloiw rated (minimum).
rhus the safety margin is 18.3% - 15.5% a 2.8%, and the 15.5% will
increase by 0.017 JIS.5) a 0.263%/mo. The standard deviation of the
degradation of power loss Is 0.49%; thus, the safety margin would

start out at 2.8% . 5.7 standard deviations, and this "normalized"
safety margin would decrease by a 0.537 standard deviations
per month. "rhe probabilities of successful performance, by month,
are shown in Table VI-S.

TABLE VI-6
Insulation Reliability

Month Normalized Safety Margin Reliability

0 5.70 0.9999+

1 5.16 0.9990+

2 4.63 0.9999+

3 4.09 0.9999+

4 3.55 0.9996

5 3.02 0.9967

6 2.48 0.9934

7 1.94 0.9738

a 1.40 0,9192

9 0.87 08079
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TABLE VI-6 (continued)

Month Normalized Safcty , +IArg,n .

10 0.33 0.6,,

12 -0, 'A

It would seem obvious that A larger safety factor, cither k
s.lation or a higher powert..r , kould improve ti,,:. .,gurms.
Both means would be reflvted as more weight, but it would be neceb-
sary to raise this particular reliability to at least 0.999 for I yr.
Working backward in Table VI-6. it would take a normalized safety
margin of 3.55 (shown for 4 mo) and that wuld have to be increased
to 3.55 + 12 (0.537) - 9.99 for a new article. The stated 2.8% safety
margin in power output loss due to insulation degradation then goes
up to 0.49% (9.99) - 4.9% and, finally, either:

(I) ileat loss through insulation would have to be reduced
from 15.5% estimated for a previous design to 111.3 -
4.9 - 13.4%.

(2) Minimum allowable generator output would have to be
decreased from 100 - 18.3 - 81.7% of rated to 100 -
(15.5 + 4.9) - 79.6%. This could be accomplished by
increasing the rated generator output by a factor of 1.027
or 2.7%.

(3) Same combination of the above.

It is concluded that insul,ttion reliability could be made better than
,.999 fru I yi ,n ar equivalent expected number of failures of 0.001,

which is the numbt.r used in Table VI-5.

Mechanical fafldres which cause an increase in Internal resistance
hPsve been discussed above. Reference Vl-4 contains analysis leading
to t.c conclusion that the expected number of failures per month %ould
be 0.00077. due to bondu., luneezas and intercollectiions. Contact and
element resistivity growth is fairly constant with time. A reasonable
assumption appears to be that power output loss would be limited to a
maximum of 10%, with a design-apportioned loss from this cause allowed
to be 20,. Control of the internal resistance loss to a coe'ficient of
variation of 0.025 would result in a reliability corrpespondirg to

rt iiui7
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1.0 .1 4 standard deviations

or

It - 0.9999+

The expected number of failures in Table VI-5 LB taken to be 0.000000.

In suinmary_(sec.TableyVI-5),-it isanticipated that with some im;
Jproivementsri dc..15u ?; preseuntly existing or'proposed Fsutope-powered
thermoelectricgenerators, A reliability of approximately 0.00 can he
achieved.

A solar power generator was also considered. This would con-
S ist of 7500 solar cells connected in a variety of seriea-parallel
Paths so that circuit continuity would be highly redundant. Approxi-
mately 2500 r cquld fail without causing reduction In power out-
put sufficient to 'degrade satellite equipment performance. It is
believed that cell failures could occur only by damage from meteors,
with an extremely low probability.

There would be three diodes foe current control and a atorage but-
tery. The only other possible souaict of failure would be aome of the
1600 cell-to-all solder connections. The total failure rate of the items
in series is:

Diodes 3 x0.2 x10- 0. Q.Xlt06

Battery I x 1.4 x 10'6 . 1.4 x 10'6

Total # 2.0 x 106 1hr

Operating time 0760 hours

E~xpected number
of failures 0.017520

The failure rate of a solder connection Is not at all agreed upon.
but an extremely high figure Ia I x 10- /hr. The p~robability of failure
of a aingle connection In I yr Is, on that assumption. 0.0876, and the
expected number of connection failures Is 1500 x 0.0876 a 132 failures.
The standard deviation of the observed numaer of failures is
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(132 x 0.9124)1 /
2 . 11; thus, theprobability of 500 failures corres-

ponds to the probability of a normal deviate 0 33 standard

deviations from the mean. This probability is of the order of 10- 7 ho.
thus can be neglected.

Fially, the reliability of the solar power generator Is e
0

.
0 17 5

0.9825 for 1 yr. This is quite close to the reliability calculated for
the isotope thermoelectric power generator, which was used in the
System sumnfa*.-.

E. CONTROL AND STAIlLIZATION SYSThM

This consists of a set of thrust engines and an electromechanical
programmer.

The thrust engines include the propellant plumbing and thrust chain-
oers, i liabillty of which are taken from Ref. VI-3. There is considerable
uncertainty as to the reliability of a thrust charnbe:, as it has not been
possible to obtain a relationship between life, thrust energy, tempera-
ture of the propellant and chemical types of degradation of the noziles.
However. it is believed that a low temperature, low pressure mono-
propellant will allow practically infitnite nozzle and chamber life, so
that the failure rate has been taken as zero. Since the thrust cham-
bers are the only redundant features, the remaining devices are all
in series, as shown in Table VI-?. It will be noted that only attitude
control features are listed. This is because velocity control for
orbital corrections is expected to consist of only 100C thrusts, which
1. negligible for reliability purposeb.

TABLE VI-?
Rellability of Propulsion Subsystem

Us -ge Expected Number
Part Quantity Failure Rate (hr) of Failures

Propellant pres -
sure tank 1 5 X 10" /hr 8.760 0.044

Propellant filter 1 5 x 1O6 1
hr 8.760 0.044

Thermal relief -6
valve 1 40 x 10 /hr 8,760 0.350
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-TABLE VI-7 (continued)

Usae Expected Number
Part Quantit, Failure Rate (Mw of Failures

Lines and fittings - 10 X 10o6 /hr. 8,760 0.088

Pressure
regulator 1 7 x 10 6 per 70,000 0.490

thrust

Control oc.1eiioid
and valve 6 20 x 10~ per 70,000 1.400

actuation

Thrust chamber
assembly 12 0 140.000 -

Total expected number of failures In 1 yr 2.4 16

Recliability for 1 yr -e -2.416 . 0.0893

Reliability function for t hr * e'276 x 10'Gt

(prcpulsion only)

The programmer reliability is as followp:

T%%o synchronous timer motors, I rpm, one rotation every 24 hr,
12.2-hr total operating time. The failure rate is 0.37 x 10's and
the expected number of failures is 4.5 x 10' 6 /yr.

One-way clutch, 1.1-hr operating time, failure rate 1.3 x 1'6
1.3 x 10- r fasiwcr expected/yr.

Gear strain external to motors, 6.1-hr operating time, failure
rate 0.0 A 10 6 . 5.4 x 10 6 failures expected.

Ten microswitches operated by cams, each 24 times/day, in a
total of 88,000 actuations. The failure rate is 0.25 x 10-6 and

- i 14
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expected number of failures is 22,000 x 10' 6 . 
This item dominates.

Reliability for I yr, e " 0 .022 , 0.978

Reliability function for t lr. e
3 x 10"6t

In conchsion, the reliability of the stabilization and control system

Is e"279x10 6 . it f1 .t yr ia Q..870. The propulsion system
appears to be the outstanding weakness Ir a 1-yr mission, It is
po;sible to obtain a nore pleasing i ellability prediction by :pjpchcsiring
more optimistic failure rates, but s&ice other subsystem.o appear not
much better, it is b,.litved that such efforts are beyond the scope of this
study.

F. C.)MPUTER

The recummended computer has a number of reliability features,
among which are:

(I) Several types of redundancy in checking of arithmetic and
ability to repeat computations in the event of discrepancy.
This is valuable, because of the few errors made by com-
puters, a large part are transitory and will not be repeated.
This is especially true in space, where radiation caises
errors.

(2) 1-vaporated-film silicon connections for the memory, w ',h
eliminates lh connections found in core-type rnemores.

(3) Special advances in connector reliability by use of plited
conductors and welded joints instead of soldered joints.

(4) In the last analysis, the presence of humans who can repair
computers is a valuable feature that should be considered
further.

It must be recognized that no satellite has to this date been equipped
with a digital computer. Therefore, all estimates are based on theoretical
data. These are credible because the various component parts have
mostl:f seen space duty successfully and because the Minuteman reliability
program gives evidence of exceeding recently experienced reliabilitles
by orders of magnitude. A summary of the analysis (Ref. VI-S) is con-
tained in Table VI-8.



VI-17

TABLE VI-8
Estimated Cctmputer Reliability

Failure Rate/
Component tv 106 hr Failure Rate

Resistor 1141 0.004 4.6

Diode. silicon 2303 0.002 4.6
Silicon mlemoy IG 0.25 1.0

Capacitor 252 0.01 2.5
Transistor :15, 0.01 3.6
Transformer 116 0.01 1.2

Welded joints 9116 0.00001 0.1

CaFe memory 1 1.0 1.0

Total failure rate 21.6 x 10" 61hr

Environmental factor 2

Failure rate in orbit 43.2 x 10"6 /hr

For I yr. reliability is 0.687.

It should be not,', that most of the failure rates in Table VI-8 aretaken from specificationh it, the Minuteman P'rogram, as suggested bya leading computer manufacturer. For other subsystems, failure rateswere used as rt-commended by authoritative sources, or according toRef. VI-2. where iot othe,.wise supplied.

The time standard ib included with the computer and Table VI-9shows its estimated componunts and reliability.

i-Lt tib4i
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TABLE VI-9

Reliability of Time Standard

Total Failure Ratel

Component Quantity I0 "6 hr

Quartz. crystal 1 0.30

Crystal oven 1 0.05

Transistors 20 10.6t

Resistors 50 1.50

Capacitors 20 2.00

Connectors 2,10 pin 4.00

Total failure rate 17.85 x 106

Environmental factor 2

Failure rate in orbit 36 x 106

Reliability for I yr 0.732

G. PREDICTED SYSTEM RELIABILITY

The satellite has only a slight chance of operating for I yr suc-
cessfully. The outstanding difficulties are the horizon scanner, the
occultoacope- star tracker and the control- stabilization subsystems.
The reason appears to he that these subsystems are required to operate
continuously.

Fur a satellite to perform the required functions for 8760 hr with a
9076 probability, the total failure rate allowable for continuous operation

Is about II x 10' failurv. i 1w. This is the equivalent of one neon glow
tube or about 22 slicon transistors operated carefully in the laboratory.

A much shorter mission time. or highly intermittent operation as
allowed by lower accuracy requirements, would provide a more favorable
possibility.
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Summarized In Table VI-l0 are the estimated reliability functions
of the various subsystems, for t calendar hours.

TABLE VI-10
Subsystem Reliability Functions

Radar e-
12 x 106t

Infrared system e 2 67 x I
6 t (4 - 3 e

87 x 10
6 t)

Ocvultuscope-star trucker e-118 x 10
. 6 t (2 - e-

2 2 x 10
6 t

W3.2e-22 x 10" 6 t

Power system e1.2 x 10
6

Control-stabilization and -270 x 10'6t
programmer e

Computcr-time standard e79 x 106t

Total system e-73
6 x 10 

6 t (4-3e'
8 7 x 106t)

(2- e" 22 x 10'
6 t 02-222x 10'

6 t)

The total system reliability for 1 yr is 0.0054.

In order to explore possibilities of shorter missions, the reliability
functions were evaluated for various shorter times at I-mo inter-
vals. These results are pt usented in Table VI-I and are shown graphi-
cally in Figs. VI-I and VI-2.
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TABLE VI-11

Estimated System Reliabilities

Control
Stabili-
zation

Occulto- and
scope- Pro- Computer-

Time Star gram- Time Total
(mo) Radar Infrared Tracker Power mer Standard S vsm

1 0.991 0.981 0.959 0.999 0.816 0.944 0.717

2 0,982 0.926 0.926 0.998 0.665 0.891 0.498

3 0.974 0.852 0.887 0.997 0.543 0.841 0.335

4 0.965 0.767 0.854 0.996 0.443 0.794 0.,21

5 0.956 0.684 0.816 0.99, 0.361 0.749 0.144

6 0.947 0.604 0.780 0,994 0.295 0.707 0.0925
7 0.939 0.528 0.748 0.994 0.240 0.668 0.0591

8 0.930 0.459 0.718 0.993 0.196 0.630 0.0376

9 0.921 0.398 0.666 0.992 0.160 0.595 0.0231

10 0.912 0.342 0.634 0.91 u.130 OJb u.u143

11 0.904 0.293 0.597 0.990 0.106 0.530 0.0088

12 0.895 0.250 0.563 0.989 0.087 0.501 0.0054

Figure VI-2 indicates the level of system reliability improvement
which may be realized for the type of mission discussed in Section VIII.
This figure is based on greatly reduced use of thp attitude control system
and the infrared system, with no reduction in use of the other subsystems.

Since the station keeping system is to be used rather infrequently.,
the reliability of this system, therefore, is not expected to present a
problem.
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VII. SATFLLITE SYNCHyRONIZATION STUDY

DEVEL)PNIENT PLAN

In order to determine how the altitude-occultation guidance system
compares to the pa esent state of the art of building and successfully
operating such equipment, the steps needed to build a prototype system
have ben studied. The results of this study will be presented in this
Se.tilan of the repxsrt as a development time table (Fig. VII-t). Very
little technical dita is given in this section, since each of the sub-
systems is d.scrtLed in detail In other sections of the rex)rt.

The purpose of the study ha! been to determine the earliest date
at which two flyable prototype systems (one as the primary flight
article and the second as backup in case the first launch fails) can be
completed. For planning purposes only, we have assumed that follow-
on production consists of 16 operational systems. In order to provide
for incorporating changes deemed advisable on the basis of the
experimental launch a 6-month lapse between development and
operational firings is assumed.

One furtheor guideline has been that state-of-the-art hardware will
be used wherever possible; research and development into new concepts
are kept to a minimum. A go-ahead date of I January 1962 has been
assumed. The significance of this assumpt ion Im that it provides a
reference (with respect to other development programs) in order to
ev.tluate the extent to which related programs can be used (directly
or with modification) in this system.

The development plan, summarized in Fig. VII-1, shows that 30
months are required to have a flyable prototype ready for the experi-
mental launch. Before the experimentai launch is attemptedthis
time span will include a 3-mor.th period of ground testing (during which
the various subsystems will be integrated in a series of 'marriage'
tests) to substantiate the performance of the entire system.

The development plan for components of the guidance system is
discussed as follows.

A. RADAR ALTIMETER

A detailed technical description of the altimeter is given elsewhere
in this report, suffice it to say here that the techniques to be used in
this instrument are well established, although the specific instrumer.,

ER 11647
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does'not exist. Our'design concept for-the altimeter has been shown
to'be extremely simple so tha! It 'can'be engineered well within the
fra'mework of today's state of the art. In additiona to being utilized
as an altimeter in this system, it can also be used with only -.light
modificationsand great effectiveness as a part of a satellite rendezvous
guidance system.

i.igurc VII-I shows our plats for bringing the altimeter into being.
The RF plumbing and the magnetron are components which can be
purchased from today's catalogs.' However. the'antenna IF strips, AFC
circuitry, and modulator must be designed (Fig. VII-1) so that basic
enginerring of the altimeter can be completed in 8 monts. As pointed
out previously, the mission time of 1 year makes nigh reliability one of
the pivotal issues in determining the system design. Therefore. in
engineering the altimeter, an extensive life testing prtgram ,tilizing
altimeter breadboard elements, built as closely as possible to th-. final
design of the altimeter, is planned (this program spans 6 months).
Construction of the flyable prototyp:e will begin in the latter portion
of the life testing program but obviously cannot be finished until after
the lifetest program is completed. Thus we estimate that a flyable
prototype can be available at the end of 18 months.

11. COMPUTER

Digital computers of the type needed In this guidance systerr. are
currently being engineered on several programs. Of course, the
logical design of thebe computers must be rearranged to fit thia
particular probitm, but ttis presents no great difficulty. In the
computer, it is desirable to avoid using rotating magnetic drum
memorieb, therefore, solid-state memory techniques will be used to
enhance reliability and minimize unwanted torques on the satellite.
Several computer developments are now under way which, with tome
modifications, will fulfill our needs. Since the development of this
computer is already under way, modifying it to suit his application
should shorten the computer lead time by approximately 6 months.
Therefore, in formulating this development plan, a span time of 21
months is assumed for the computer.

C. IR HORIZON SCANNER

The IR (infrared) horizon scanners are available from several
sources in this country, practically on an "off-the-shelf" basis. For
instance, the IR horizon scanner described in Section IV-B is available
within 4 to 4-1/2 months after placement of an order. In order to
provide time for possible minor design changes. 6 months are allowed
in this levelopment plan for the It horizon scanner.
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D. ELECTRICAL POWER suPPY

As described previously in Section IV. either o. olar cell system
or ani isotopic power supply is recommended for this satellite guidance
systcm. Of the two systems considered, the solar cell system is most
attractive because of its immediate availabillty and good performance.
Therefore. ince a minimum of time is required to Incorporate such
a system, uo development of componeits will be required.

The ihotopic power supply uses the heat output of an isotope block
,to heat the hot junction of athcrmoclectric material (suti" ::. :d
,elliuride) which in turn converts the npplied~heat to electrical power.
On thebasis of the previous experience of The Martin Company in
designing, building and,testing' isotopic puwer supplies, a power.supply
using a Strontium-90 heai'source and lead telluride thermoelectric
element. id characterized by a ' ight of I to 1-1/2 watts/lb and can
be made available in approximately 1-1/2 years. Once this type of
pover supply is lcacd with the radioactive isotope, it is neces Nary
to shield against the high energy gmnima radiation emitted due to the
brumsstrahlung effect.

Other man-made elements are becoming available which will
minimize the radiation problem. For example, the power supply
could be designed around Curlum-242, which emits alpha radiation
and is much easier to shield against. By the time Curium-242 becomes
available in the next 2 or 3 years, additional progress can be
expect d from current research in thermoelectric materials. There-
fore, a power supply could be designed (weighing about 2 to 3 watts/lb)
without presenting too difficult a radiation shielding problem.

If, in the final engineering of this guidance system, the recommended
solar cell system is used. only a nominal time of 18 months (Fig. VII-l)
will be required to select, procure and test the proper cells. On the
other hand, if the isotopic power system is used, then a lead time of
approximately 24 mnnths would be considered necessary.

E. ATTITUDE CONTROL SYSTEM

The pulse-modulated attitude control system recommended in this
report is an extension of many years of missile and space vehicle
autopilot development work at The Martin Company. Hordware work
is alt cad) under way on the electronic components which can be used
in this sys:enm, therefore, the major problums in the control system
are easily spotlighted.
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The foremost of these problems is high reliability and cInsply
related is mininization of the fuel required to execute the commands
of the various sensors.

The attack of the reliability problem requires a two-pronged
engineering effort. A detailed system stablHty analysis should be
undertaken to minimie the number of operations of the control system.
It is hoped that this can be accomplished by operating the attitude
.control system only during the period just prior to and during the
ttbtng of.the altitude-measurements rather than attempting to operate
co.,'nuouisly for th l-yvur mission.

Secondly. the effect of our concept ui aesignlng a fuel system to be
ubcd asa lit)perguolc bipropellant system for orbital corrections and
also as a menopropelant catalytic systtm for attitude controls should
be investigated both analytically and experimentally.

A 4- to 5-month analysis program is required for the system
analysis work described above, and the design and test work necessary
to evaluate the thrust-producing system will probably span 9 to 12
months. The bulk of this veriod is required to experimentally evalu'.e
the performance of presently available nozzles in such a system and
incorporate possile changes. This phase of the program may uncover
unforeseen problems since, by way of comparison, we are talking of
a system which will be called on for upward of 800 vacuum starts and,
in today's state of the art, the only available restartable engine is
designed for two atiitude starts. Therefore, this dovelnpmPnt plin
includes an allowance of 18 months to fully develop and build the proto-
type attitude enntrol system.

lR 11647
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VIil MISSION ANALYSIS

Previous sections of thin report have shown that a hypothetical
mission of one year. for the type or guidance and conitrol systein being
considered, would be difficult to achieve. largely due to problems of a
reliability nature. It in apparen~t, hoirever. that thin system could be
utilized to great advantage on other missions. Consider a manned
satellite system in which th'. ultimate objective may be to- (a) recover
the man from orbit, (hi) recover 1reconnaissance data (such an exposed
film) froni urhit und (40 conduct bombardment from an orbital pw.Aiiun.
A central proulem in all of these iniisions is the maintaini:., -0vary
Accurate orbital exit conditionis. In particular, the attitude control
problems at the time of exit fronm orbit are severe. Figures Vllt-l
through VhIl-9. taken from work previously completed under this-con-
tract (Hef. VIII-l). illustrate the errors inturred on an orbital exit
maneuver to 300,0tl0 ft asl a restilt of errors in attitude. velocity ind
altitude at the timie of orbit exit. Attitude errors at the ui of exit
from orit are seent to be a potential source of large dispersi'tns in
impact range.

'rho error coefficients shown apply oniy to deorbit flight pathts
resulting in very small re-entr:' flight path angles. Relatively small
re-entry flight path angles are compatiole with the requirements for
reasonable values of heating aill g loading of a typical, manned, re-
entry vehicle.

The definitions and svmbiols uaed tin F~igs. Vil-I through VIll-ti,
lErrorx iii He-entry Parameters. are as follitws:

AMl orbital departures - assumed to start from circular
orbit and 0O flight path angle

Thrust-to-weight ratio - constant - 0.5i

Is . 300 see

A V - retrorocket thrust. contained In
orbital plane and rotated clockwise
with respect to velocity vector oy
18(r (6 - 18(r)

hi initial altitude

V, initial velocity

S -retrorocket mails ratio.

ER1 iiu,4i
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A comipIlely belf.(otttltflmil ,uicv andit conltrol systemn offers
tiume rois advanttages in mifssioilia F-iie typle (u), (b) and (c) men-
tioned ireviously. With manneat supea'viazon of tile systeml aalable.
it should hie possible to gre~til imotriive tile oe ra~l system' reliablIty
because of the following.

(1) Rleliability (i1iaot,' rattoo. for Ioose suiobstens which moust
be cont nimii.Iy usedi iii telilt niiillted au'iniatic symenk~ are
greatly modified. Continuous tracking. of certain stars, f~r

exn.me ...... ...~r .~ .he -c. ii
Ck1l be divtul red ait ally ttiie iire - neediC~~.

u21 The uiseful life (of thlese systenis withtinust remlaina ol
during the eriti re inissioncnb greatly e-,teniled by the
application of very l~nll'etc~~sof 'preveniv e" main-
tenanlce (Itef. Vill-2).

The self-containted ttuolant antd control systeti error ana~lysis
presented earlter ittdiuates that more precise cont rol ot orbital exit
vonclitlett is poi; ibIC for type Ca). (bt) antd (c) missions. Ili pttvllular,
the di rettion of tile local vertical voulld be estabilishled withI moore lI've
ctson tha tis. presently poiblbe using inifrared fech'olques to estati-
lith tins dig ection. Thle geometry of tile prolblemi i, showin in F'ig.
ViII-1 fot r a stialle two-itmentsiontal vaie andi at somle projectedl in-
stun:t of toi'"e of departtire fronm thle orbit. Prtior* to this lime, tle
orittal elements have bieen Computed so that the rmiditis vector ilirietiion
anigles can lie estalishled with respiect to the orthligontal intertil co-
ordinate qystem. Rleferring to Fig. VIII- It:

(1) rTie 6 1 i known in adivane antd is equal toi tlte angle

between the equatorial pilanle and im' star line of posit ion.
The vale of b I is availatile fron a star Catalog.

2' ITh 31 stll 0 4 cult lie piredlicted fit advance to ati at'-
ciurwvy which depends till tuture piredlicted piositioni accu racy
CI. e., A G), If thle pireidictedl poiti on error is. for exiamplle,

Ilaltitt, henA .. :1141 goo11 rail for an orbit altitude
of 500 naut mnt. 'Therefore 0, (, 3 "it(04 liiy lie piredicteid

qite avii'rately. rhe flight piath atagte a.* will lie smaull if
the orbit is near ci rtenla r. mleaxi,'num value of e occurs
between apogee antI peragee at the liolt ion shown lin Fig.
Vill- 11. Mam.muni flight piathi antgle as a function of orbit
eccetricity it; alsoi shown.
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To summarize, then, a typical itsisstion, might be executed as-.fol-
lows:,

(1) the porbital elements hatve, been computed and ausme future
tune haz b-ni established as the time to departfrom the
coiaitted orbit. The departure is for'the purpose of ri'i-
dev.vout, with s',tne presclcctedimj'sct point.at the 300,000
ft altitude level. The location of this point-determines the
I me 'i&exitfrom orbit, lhene . in general, the departure will
not occur at apogee or perigee (e - 0' at apt'gese ond perigee).
Ti,.. value of a at orbital exitJisgivcnlby

tan a *-I P en

where

e* orbit eccentricity

6- - angular distantce from apogee at
the time of exit

t - clockwise or counterclockwkse motion,
respiectively

(2) lfprior orbital maneuvering lia resultedl in a near circular
orb.%, then e it; vei-- s mail. For an apogce and perigee
difference of 50 naut mi. for example, the eccentricity Is
given by:

e = -0.00635

A -radial dlihtance frtjn earth center at apogee.
e.g.,,3991 Ilaut mli

11 radial dimance ~roni earth center Ut perigee.
e.g.. 3911 naut mi.

(3) The vehicle as rotated in the pitch plane so that the Pitch
axis antI thle local horiion (Fig. VilI-10) are colincar at the
tinie orbital exit is to be intitiatedl. In'addition, and prior to

ltti 1147
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inittJtion oIf Orbital extit, a radial thrust adjusts the
ieliocity vector (fromt knowledge of the predicted flight path
Ing~le at orttal exCit) so thact thev m.lccway vector is along the,
local htorizon~tal at the time the retrorocket I.- fired (i.e.,
the velocity-at thle point of e'xit front oribit is adjuste'd for the

crcter istie veloeity of a circular ,crtit at the orbital exit
iltituce). Let Fig. VIII- 12 represent the position oif the vehicle
sominit after the star ho''o of posit ion has been acquired.
As it ,i the prvoscosceatu.0 is1, knowit from the star
catalog unid 0o, andi 0 4 call be preiel'ed~wz ii t pieciaol ~of'c a

few fitndlredths of a m,-coid of-arc-. Aw. htctwi n Fig. VII!-
12, the angle A (p can alac cpeclto withi this sanme lpre-

ciston. Withi r(.spect to Oltc: inertial roferce franie, the
~~c.:qprcssect as

I - ~ r C~k ~ os a col; 06

tail a'Cot aC, 00

andI

talt a (co, 06)1£

To first ordler the error in a clue to error itt 0 6 is then
given; by

Aa 'iS 2a 46

'? (c'cc 1 112

and for a near circular orbcit (i.e.. small a ). tltis er'ror is

This b~rief analysis has shtowit that it ig ltcssibl to ailignt the vehicle
pitch axis andI the veloccity vector tc, the loctal loion ctta1 with ccitt-
siderable precisioii in pireparaticon for an orbital exit itanuiver. It is;
to lie tundlerstoocdc. htoweverc. thact such orbital exit toniittouts are not
optimum from in accuracy viewpoint. Tlhe reader is; referred tci earlier
work umlplqted ( Itef. VilI- ) I cnder tlcis cunt ract for ai thborough treat -
ment cif this pirolem.
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II-

!.i. CONCLUSIONS AND hECOMMENVATIONS

The finaings of(this final report indicate that it is feasible to Implement
the desihgn of a completely self-contained gutdance and control systpm
using swate-of-the-ait hardware. The accuracy of such a system would
be such-as to permit predicting future position of the vehicle to approxi-
mately I naut mi neglecting perturbations on the orbit due to earth model
effects. The reliability of the -ystem har, been found unacceptable (with
-reference to a one -year hypothetical mission in which system operation
is completely automatic), and it is concluded that the hypothetical mission
and the system are incompatible (however, the s steni cat he Jsed tro

It is recommended that the present effort be amended to include a
detailed .,tud of tlh(. flJowing:

(I) Application -i te self -contained guidance and control system
to manned, earth satellite weapon s:'stems currently in the
h&l) phase of Aii Force development, It is expected that manned
s.upervisin of the system will greatly enhance overall system
operation.

(2) Prototype deelopment of actual hardware, consistent in time
with current lI&) programs in the Air I'orcc, should be ini-
tiated as early as po.ssible.

43) The mather.-tca I m,,€, 1- to ev:,luatu te sybterr, ac,,r-c3

should be modifica to include:

0) A more accurate earth model.

(b) The statistical implications of atmospheric anomalies,

ith reference to (I) above and Section VIII concerning mission analo
ys.is, it appears that the system would have an important application in
orbital exit missions. Pt tmil-e attitude cootius at the time of exit from
orbit, for example, will have inaportant applications in manned space
flight in the years to come. It is recommended that this system be ex-
ploreu for possible application on such missions at early as possible.
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